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Summary

The application of composite material in load carrying structural components of an
aircraft is rapidly gaining momentum. While part of the reason for this can certainly
be attributed to an increasing confidence of designers in the new material as a result
of growing experience, two other crucial points can be made. One, the continuous en-
hancements in the area of automated production technologies, which are an absolute
necessity for ensuring consistent quality in a series production. Two, the progress in
the development of computational methods to analyze and optimize composite struc-
tures in order to fully exploit their possible advantages over homogeneous materials.
Nevertheless, it is still by virtue of challenges in their production as well as com-
putational complexity, that full-fledged variable stiffness designs have not yet found
their way in industrial large scale applications. Considering the complex path from
the stiffness of a single laminate to the aeroelastic performance of an entire aircraft
wing, it becomes clear that variable stiffness optimization is a non-trivial, laborious
task. Not only does it require a large amount of design variables in order to achieve
an adequate resolution, in addition the diverseness of responses impedes the problem
definition.

The research presented in this thesis aims at an advancement of the computa-
tional treatment, i.e. the development of a variable stiffness composite optimization
framework, allowing for the consideration of static aeroelastic responses in the struc-
tural design of aircraft wings. Considering the different ways of optimizing composite
structures, the strategy pursued in this thesis relates to a separation of the problem in
three consecutive parts, the advantage being that each step can be handled with the
most suitable optimization tools. The first part comprises an optimization based on
laminate stiffnesses and is the main subject of this dissertation. It will be discussed
in more detail below. The second part involves a stacking sequence optimization on
the basis of the optimal stiffnesses derived in the first part. Part three deals with the
optimal conversion of stacking sequences to fiber paths suitable for the chosen pro-
duction technology. Parts two and three do not depend significantly on the physics of
the problem. However, since it closely relates to the continuous optimization in part
one, the stacking sequence optimization will also shortly be addressed. Part three is
not dealt with in this thesis.

The composite optimization framework consists of a successive convex subprob-
lem iteration procedure, in which a gradient based optimizer consecutively solves a
local approximation problem. Each response to be considered in the optimization,
either as objective or as constraint, is approximated as a linear and/or reciprocal
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function of the laminate membrane and bending stiffness matrices A and D. To-
gether with the laminate thicknesses h, they constitute the design variables in the
optimization process. The distribution of design fields – each of which comprises its
own set of A, D, h variables – within a structural entity like a wing skin, determines
the variable stiffness resolution. Inside the optimization algorithm, stiffness matri-
ces are parametrized by means of lamination parameters, resulting in a reduction in
the amount of design variables on the one hand, and the constitution of a continuous,
well-posed optimization problem on the other. The response sensitivities with respect
to the design variables form an essential input in the assembly of response approxima-
tions. In this research, the finite element (FE) software Nastran is applied in order
to generate sensitivities. Three major reasons account for this choice: one, the ability
of specifying various types of responses, two, the time efficient implementation, and
three, its prevalence in the aircraft industry. A Nastran FE model, suitable for the
derivation of the required responses, is generated in a parametric model generation
process. Aside from the structural FE representation, the model comprises a dou-
blet lattice description for the computation of aeroelastic loads, and a mass model to
incorporate non-structural masses like leading and trailing edge or fuel.

Structural responses considered in the stiffness optimization are strength, buck-
ling and mass. For strength, a failure criterion in lamination parameter space is
adopted. Buckling is covered by a simply supported flat plate buckling model. Aside
from the regular structural responses, the aeroelastic responses aileron effectiveness,
divergence, and twist are also directly considered in the optimization process. While
response values and sensitivities are an immediate result of Nastran, their approx-
imations with respect to the design variables originate from a sensitivity convexifica-
tion process, ensuring the approximation to incorporate as much reciprocal share as
possible.

The stiffness optimization fully relying upon the applied aeroelastic loads, a cor-
rection strategy by means of a higher order computational fluid dynamics (CFD)
method is developed to enhance the doublet lattice aeroelastic loads.

Eventually, the functionality of the stiffness optimization framework is verified by
three applications, comprising different levels of complexity. Mostly wing skin weight
serves as objective to be minimized, but also the maximization of aileron effectiveness
for a prescribed weight is demonstrated. The possible advantages of unbalanced over
balanced laminates are studied, as well as the influence of different sets of aeroelastic
constraints on the achievable minimum wing skin weight. Finally, the modifications
implied by an aero load correction are analyzed.



Samenvatting

De toepassing van composieten materialen in dragende constructies van vliegtuigen
wordt steeds belangrijker. Dit is deels te verklaren door een toegenomen vertrouwen
van ontwerpers in dit nieuwe materiaal ten gevolge van groeiende expertise. Er zijn
nog twee andere belangrijke redenen. Ten eerste de continue verbeteringen in de au-
tomatisatie van productietechnologieën die van cruciaal belang zijn om de kwaliteit
van serieproductie te garanderen. Ten tweede de vooruitgang in de ontwikkeling van
rekenmethoden om composieten constructies te analyseren en te optimaliseren om
hun voordelen ten opzichte van homogene materialen ten volle te kunnen benutten.
Desalniettemin komt het door de uitdagingen wat betreft productie en complexiteit
van rekenmethodes dat volledige variabele stijfheidsontwerpen hun weg nog niet ge-
vonden hebben naar industriële toepassing op grote schaal. De optimalisatie van de
variabele stijfheid is niet triviaal omdat de weg van de stijfheid van een enkel laminaat
naar de aeroelastische prestaties van een volledig vliegtuig lang en lastig is. Dit komt
door zowel het grote aantal ontwerpvariabelen om voldoende resolutie te verkrijgen,
alsook door de variatie in analyseresultaten.

Het onderzoek dat gepresenteerd wordt in deze thesis draagt bij aan een voor-
uitgang in de manier van rekenen aan dit soort problemen. Dit wil zeggen dat er
een raamwerk ontwikkeld is waarbinnen de variabele stijfheid van composieten van
vliegtuigvleugels geoptimaliseerd kan worden, in acht nemende de statische aeroelas-
ticiteit. De strategie die ontwikkeld is in deze thesis bestaat uit het opdelen van het
probleem in drie delen omdat er verschillende manieren zijn om composieten con-
structies te optimaliseren. Het voordeel hiervan is dat elk deel aangepakt kan worden
met de meest geschikte manier van optimaliseren. Deel één is de optimalisatie van de
laminaatstijfheden en zal het leeuwendeel van de dissertatie beslaan. Dit zal later in
meer detail uitgelegd worden. Deel twee is de optimalisatie van de laagjesvolgorde die
gebaseerd is op de optimale stijfheid van deel één. Deel drie is de optimale omzetting
van van de laagjesvolgorde naar vezelpaden die geschikt zijn voor de geselecteerde
productietechnologie. Delen twee en drie zijn niet dermate afhankelijk van de fysica
van de probleemstelling. Echter zal de optimalisatie van de laagjesvolgorde kort be-
handeld worden omdat het nauw verwant is met de continue optimalisatie van deel
één. Deel drie wordt niet behandeld in deze thesis.

Het composietenoptimalisatieraamwerk bestaat uit een reeks van opeenvolgende
iteratieprocedures voor convexe deelproblemen waarbij een optimalisatietechniek ge-
baseerd op afgeleiden een reeks van lokale benaderingen oplost. Elk analyseresultaat
wordt meegenomen in de optimalisatie, zowel als doel of als randvoorwaarde. Het
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analyseresultaat wordt benaderd als een lineaire en/of inverse functie van de axiale
en buigstijfheidsmatrixen A en D van het laminaat. Dit zijn de ontwerpvariabe-
len van het optimalisatieproces samen met de laminaatdikte h. De resolutie van de
variabele stijfheid wordt bepaald door de verdeling van de ontwerpvelden. Deze ont-
werpvelden zijn delen van de vleugelhuid met een constante waarde voor A, D en
h. De stijfheidsmatrixen worden intern in de optimalisatieprocedure geparameteri-
seerd door laminaatparameters. Dit resulteert in een vermindering van het aantal
ontwerpvariabelen enerzijds, terwijl er op die manier een goed gesteld continu opti-
malisatieprobleem geformuleerd wordt. De gevoeligheid van de analyseresultaten met
veranderende ontwerpvariabelen is essentieel voor het opstellen van de benaderingen.
De gevoeligheden zijn gegenereerd door Nastran in dit onderzoek. Er zijn drie
hoofdredenen voor deze keuze: ten eerste de mogelijkheid om verschillende types van
analyseresultaten te specifiëren; ten tweede, rekenefficiëntie; ten derde, aanwezigheid
van de software in de luchtvaartindustrie. Het eindige elementenmodel in Nastran,
dat geschikt is voor analyse, wordt gegenereerd door een parametrisch modellerings-
proces. Naast het structurele eindige elementenmodel is er een aerodynamisch ras-
termodel om the aeroelastische belastingen te berekenen en er is tenslotte nog een
massamodel om niet structurele massa’s, zoals de vleugelvoorrand, vleugelachterrand
en brandstof, in rekening te brengen.

De analyseresultaten voor de stijfheidsoptimalisatie zijn sterkte, stijfheid en massa.
Een bezwijkingscriterium is gëımplementeerd in de laminaatparameterruimte om de
sterkte te optimaliseren. Het knikgedrag wordt meegenomen door te kijken naar een
opgelegde vlakke plaat. Behalve de standaard structurele analyseresultaten worden er
ook aeroelastische analyseresultaten meegenomen, zoals rolroereffictiviteit, divergen-
tie en vleugelrotatie. De analyseresultaten en hun gevoeligheden worden rechtstreeks
berekend door Nastran maar hun benaderingen zijn een resultaat van een convexi-
ficatie van de gevoeligheden. Dit zorgt ervoor dat de benadering zo veel mogelijk een
invers karakter heeft.

De stijfheidsoptimalisatie hangt volledig af van de aeroelastische belastingen. Deze
belastingen worden gecorrigeerd door een hogere orde numerieke vloeistofdynamica-
methode om de lagere orde belastingen te verbeteren.

Uiteindelijk is de functionaliteit van het stijfheidsoptimalisatieraamwerk geveri-
fieerd door middel van drie toepassingen van verschillende complexiteit. Meestal is
het gewicht van de huid geminimaliseerd, maar ook de rolroereffectiviteit is gemaxi-
maliseerd voor een gegeven gewicht. De mogelijke voordelen van ongebalanceerde
laminaten ten opzichte van gebalanceerde laminaten zijn bestudeerd, alsook de in-
vloed van de verschillende types aeroelastische randvoorwaarden op het minimale
huidgewicht. Tenslotte zijn de implicaties van de belastingscorrecties geanalyseerd.
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“After a time, you may find that having is not so pleasing a thing, after
all, as wanting. It is not logical, but it is often true.”

Lieutenant Commander Spock

I have to admit that this part of the thesis is among the most difficult, and at
the same time also most relieving parts to write. Hopefully not because all the other
stuff was too easy or boring; that is something you will have to decide for yourself:
but honestly, because it is difficult to find words of thanks for all the support I
have received in the past years. Reflecting on the people to thank I realized, that
confining myself to no more than fifteen pages of preface text would have required
an optimization in itself. It is somewhat ironic that the process developed in this
work was unable to support the search for an optimum. . . I then realized that it is not
about optimizing, but only about showing my great thankfulness to all of you that
helped, supported, guided, and trusted me.

First of all, I wish to thank my promoter Prof. Zafer Gürdal and co-promoter
Dr. Mostafa Abdalla, not only did they support me during my Master Thesis for
an unexpectedly long period, they even took me back when I knocked at their door
after a short industrial interlude. With only minimum physical attendance in Delft,
they were able to guide me along the path that I am trying to describe in this thesis.
It is yet absolutely unbelievable to me, how Mostafa can keep such a huge amount
of knowledge in his head, able to share it at any time, and in a way that also I
could understand – part of it. I wish to thank Prof. Lorenz Tichy and Prof. Wolf
Krüger. They provided me with all the freedom to form my research work at DLR
into this dissertation, and I am extremely grateful for that. I would like to thank
Prof. Leo Veldhuis, Prof. Ulf Ringertz and Dr. Bernd Tomschke for their willingness
to participate in the doctoral committee. I hope that the contents of the thesis
compensate for the time and effort required to read and judge it. I also would like
to thank Prof. Wolf Röger from FH Aachen, who supervised me during my Diploma
Thesis and established the initial contact with TU Delft.

I am grateful to have found two great office mates. I wish to thank Yves for all
his software support, the bicycle training, and for always being a good friend, and
I wish to thank Roeland for his constant technical support, the valuable exchange
of ideas, and for his friendship. I wish to thank Sam and Attila, for their great
support on the optimizer, and all the input and ideas they shared with me. I also
wish to thank Yasser, Marius and Etana for their important contributions to my work
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during their internships at DLR in Göttingen. I wish to thank Jan for his problem
solving capabilities concerning cluster, software and administration. I wish to thank
Laura for all her help with everything relating to the administrative part of my Delft
experience. I still owe her a Bitburger Pils. I would like to thank Miranda for her
great commitment to proofreading my papers and this thesis. I consider it an honor
Prof. Wolfgang Klooß was also willing to proofread parts of the thesis.

I wish to thank Diliana, Jan, 2xJens, Markus, Olli, Reik and René for helping
me with all kind of FEM, CFD and texting related stuff. I could contact them at
any time day and night. I wish to thank Thomas for his exhaustless support during
the generation of finite element models, this research would have lasted twice as long
without his contributions. A special thanks goes to David for his valuable sumo
software and the support for it. I wish to thank Daniela and Mrs. Metz for all their
administrative help, and Urte for her constant support for a Linux noob like me. She
always found a solution. Moreover I wish to thank all the race and mountain bike
people at the Institute, who dragged me out of the office regularly, for keeping me in
touch with the three-dimensional world and muscle pain. Special thanks go to Holger
and Olli, who taught me all about bicycles, yet, I still just share a fraction of their
knowledge. And I wish to thank all my other colleagues at the Institute, where I have
found many good friends. It truly is a great team.

I owe my deepest gratitude to Loek, Gerhard and Dick. Being part of the Con-
cordia team was the greatest opportunity of all. It was a most interesting, exciting
and fascinating experience. A very special thank goes to Stefan. Sharing most of our
collegiate times, the weekly trips from Mosel to Aachen or Delft an back would not
have been possible without him. Moreover, he always provided me with a place to
lay my head during my visits in Delft, something which cannot be taken for granted.
I wish to thank cee buddies Jaro and Eva for taking over when it really got tight in
terms of finishing the thesis. I don’t want to sound pathetic, but I would like to thank
my friends at the Mosel, who all contributed in one way or the other to this work.

Ok, here we are. Undoubtedly, I owe the deepest gratitude to my parents. They
provide me with the greatest possible support for all the weird turns I take in my life,
and give me a safe home and unlimited love. I am truly thankful for this. The same
holds for Melanie. I have no words to express my thanks for her encouragement and
love. To you I dedicate this thesis. I would also like to say a big thank you to my
sister Renée and all her family for their support and believe.

Noting that Lieutenant Commander Spock will speak the words at the beginning
of this Preface in the year 2267, I would like to close with some words spoken by
an ancient philosopher from my home town Bernkastel-Kues. Some 800 years before
Spock, Nikolaus von Kues said basically the exact same thing, so there is no need to
translate it:

“In jedem Wunsch schlummert die Enttäuschung seiner Erfüllung.”

Nikolaus von Kues

It is not for the sake of not wanting to finish my thesis that I choose these words; I am
truly happy to have achieved this, and will also be happy tomorrow. It is the great
support from all the nice people that I am going to miss. Thank you very much!
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CHAPTER 1

Introduction

“He has the deed half done who has made a beginning.”

Horace

The main goal of the research presented in this thesis is the increase in performance
of aircraft wings, by either minimizing or maximizing objective functions like weight
or aileron effectiveness, while constraining indispensable boundary conditions for the
design to remain within feasible regions.

Seen in this context, this research is just another example in the long-standing
history of the human race to either invent new, or optimize existing systems. The
type of systems we seek to invent or optimize, and the reasons we want to do so span
a large range, including for instance optimization of our everyday lives by improving
or inventing mechanical systems, like washing machines or escalators, or, as in the
present case, improving the efficiency of an existing mechanical system so that it
performs in the best possible manner in its field of application. The goals of such
research are manifold, and often include the objectives to make something cheaper,
faster or lighter.

When narrowing down the field of vision to the area of transportation and aircraft
in particular, history shows that we have sought to build efficient systems since the
beginning, and today with all the environmental and economic pressures faced by
airliners and aircraft designers, there is an ever increasing need for better aircraft. In
the early years of manned flight designers focused on taking off, staying in the air,
being able to steer the aircraft and landing safely. Then it was realized that aircraft
could provide an efficient means for transport, and they could be used for military
purposes. Aircraft needed to be designed that could carry armament and a pilot, and
be faster and more maneuverable than other sides aircraft. This led early aircraft
designers to be faced with an enormous optimization task. Keeping in mind that the
design space was not yet completely discovered by existing aircraft types, the planes
featured a large variations in terms of their aerodynamic and structural layout.

Important milestones in the early convergence to a conventional monoplane-
fuselage-tail configuration, which was capable of carrying a significant amount of

1
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payload, took place in the 1920s and 30s with wooden structures being replaced by
metal alloys for the load carrying structures and increasingly aerodynamic designs
to reduce drag or increase lift performance and maneuverability. The limitations
on speed and payload capacity was primarily due to limited power available from
regular piston engines, and was overcome with the advent of the jet engine in civil
transport aircraft in the late 1940s. Along with a considerable increase in cruise
velocity and the accompanying necessity for swept wings, the impression may arise
that with the introduction of Boeing 707 and Douglas DC-8 at the end of the 1950s
the optimization process either fully converged or got stock in a local optimum.
That is, for a layman it might be difficult to discover differences between passenger
aircraft developed in the past 50 years.

It is needless to say that despite the perpetuation of the basic concept with a
swept back wing, tailplanes, and a payload carrying fuselage the optimization did of
course not stagnate but, quite the contrary, gained momentum. Several reasons for
this can be identified, the most important of which, economic feasibility, is more than
ever a key issue in modern aircraft design. Given that the upper limit on meaningful
cruise Mach numbers, beyond which wave drag penalty starts to form a natural
transonic velocity boundary, could be reached with the adoption of jet engines, very
soon economical aspects became the driving force in the optimization of the overall
system.

Since economic feasibility inherently incorporates multiple disciplines, the field of
multidisciplinary design optimization (MDO) started to develop, for example Haftka
[Haf77] and Jr, Schmit [Jr 81], by incorporating new disciplines in the structural
optimization process which aimed at a mass minimization of the load carrying com-
ponents. Several overviews and surveys on the field of multidisciplinary design op-
timization can be found in literature, for example Sobieszczanski-Sobieski [Sob90],
[Sob97], Balling et al. [Bal96], Wit et al. [Wit10] and Martins et al. [Mar13], aside
from practical applications in the aircraft industry as shown for example by Schuh-
macher et al. [Sch02]. A strong and most certainly indispensable contribution was
provided by means of fast evolving computer science and the corresponding opti-
mization algorithms, which rapidly broadened not only the design space, but also
the possibilities for simultaneous treatment of disciplines featuring a large variety of
design variable types. The finite element software Nastran is a typical example of
a computational tool whose development emerged in the late 1960s, and which has
been around ever since.

Having appointed economic feasibility to be the main objective in aircraft design
nowadays, this statement can be substantiated by two very important facts. One,
according to Boeing’s “Current Market Outlook 2013-2032” fuel accounted for 13%
of the operating costs in 2002 and already 34% in 2012 for mid-sized aircraft, the con-
siderable growth being attributed to increasing fuel costs. Accordingly, the necessity
for more efficient aircraft is directly related to the the prospect of considerable cost
savings on the one hand, but also to comply with the European Union’s emission trad-
ing system [Leg12], officially introduced in 2012 but postponed to take effect in 2013.
The most promising means of fuel saving can be attributed to engine performance,
aerodynamic efficiency and aircraft weight. Two, both large aircraft manufacturers
Boeing and also Airbus in its “Global Market Forecast 2012-2031” project an annual
growth of ≈ 5.0% in revenue passenger kilometers (RPK), Figure 1.1. The amount of

http://www.boeing.com/assets/pdf/commercial/cmo/pdf/Boeing_Current_Market_Outlook_2013.pdf
http://www.airbus.com/company/market/forecast/?eID=dam_frontend_push&docID=25773
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(a) Airbus (b) Boeing

Figure 1.1: Revenue passenger kilometer forecast (source: annual forecast reports)

new aircraft required within the next 20 years to extend and renew airliner fleets for
coping with the growing passenger demand, is projected to 28, 200 units according to
Airbus’, and 35, 300 units according to Boeing’s forecast. These numbers illustrate the
vast potential to save fuel, but also the inevitable need to enhance economic feasibility
of new aircraft in order to minimize the ecological impact and guarantee affordabil-
ity. Among others, the need for evermore ecological aircraft is also reflected in the
“ACARE Vision 2020”, and the successor “ACARE Flightpath 2050” programs, the
latter one aiming at a reduction of CO2 by 75% and NOx by 90%, possible through
the development of new technologies by the year 2050.

As mentioned above, the aircraft mass plays a decisive role for two reasons. De-
creasing the mass does either result in an overall reduction in take-off weight or allows
for increased payload. In both cases, overall efficiency can considerably increase. To
this end, the adoption of fiber reinforced plastics (FRP) represented one of the most
important milestones in the latest aviation history, leading to an essential incision with
respect to existing construction and optimization techniques that were traditionally
tailored to homogeneous materials, towards an entirely new design and optimiza-
tion philosophy. A prominent advantage of composites over metal-based materials
is found in the excellent stiffness to mass and strength to mass ratios that go along
with the considerably lower material density. No less important are the orthotropic
stiffness properties of a single composite layer, which in combination with other layers
allows for a selective application and adjustment of stiffness to best respond to load-
ing conditions on the one hand, and the evocation of in- and out-of-plane force and
displacement couplings on the other hand. These characteristics form the basis for a
concerted manipulation of the displacement behavior of the wing, also known as aeroe-
lastic tailoring, and thus the foundation for effectively influencing static aeroelastic
responses by means of stiffness variations. In this context, stiffness variation denotes
the local adaptation of stiffness characteristics by means of customized directional
stiffness distributions and thicknesses.

The first large-scale applications of FRP in aircraft wing design date back to the
1960s, when sailplane designers discovered the benefits of their orthotropic character-
istics and low mass, as described for example in Thomas et al. [Tho99] and Simons
[Sim02]. While the development of composite modeling and optimization methods
essentially started in the 1970s, for example Schmit Jr et al. [Sch73], [Sch77], it might

http://www.acare4europe.org/documents/vision-2020
http://www.acare4europe.com/sria/flightpath-2050-goals
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seem odd that aircraft manufacturers like Airbus and Boeing with the A350 and B787
have just lately introduced aircraft types featuring entire components like wing and
fuselage made of composites.

Several reasons account for the seemingly late adoption of FRP in the load car-
rying structure of large passenger aircraft. Aside from the cost factor due to the
initially limited amount of fiber manufacturers, an even more profound reason can
be attributed to the complex fabrication process. Section 1.1 will therefore provide a
brief insight into general composite material and manufacturing aspects, along with
an introduction to basic analytical methods in the derivation of stiffness properties.
An outline on the research work in the field of composite optimization with a special
focus on lamination parameter based optimizations is given in section 1.2. Concen-
trating in this research on the stiffness optimization of aircraft wings, section 1.3
presents an overview on the structural layout of modern aircraft wings and discusses
the research development in the field of stiffness optimization with aeroelastic con-
straints. Eventually, section 1.4 summarizes the dissertations objective and depicts
its layout.

1.1 Composite Technology

The general principle of fiber reinforced plastic consists of the synergetic effect when
combining the excellent mechanical properties of thin, application tailored filaments
with a supporting matrix material. Filaments are usually gathered to continuous
tows, so-called rovings, unidirectional tapes, or be interweaved to a fabric that can
directly be adopted in a two-dimensional coverage. Typical fiber materials used in
the aircraft industry are glass, carbon and aramid. Carbon fiber in particular allows
for an adaptation of the mechanical properties within a wide range of elastic moduli
and failure strains. Table 1.1 lists some basic fiber properties.

Table 1.1: Fiber properties

name type Ef , GPa εmax, % ρf , kg/m
3

Silenka E-Glas glas 74 3.5 2550
Kevlar aramid 130 2.8 1450
Toray T300 carbon 220 1.5 1760
Toray M40J carbon 377 1.2 1810
Toray M60J carbon 588 0.7 1940
Dialead K63712 coal tar 640 0.4 2120

To unfold their full potential, fibers need to be embedded in a matrix material
to fix the intended position and shape, keeping in mind that without a support the
compressive strength is zero. In principle, two matrix types exist. Thermosets like
epoxy consist of two components, resin and hardener, that usually are liquid at room
temperature and cure once combined in the appropriate mixture ratio. Depending on
the particular matrix system, the available processing time after mixing determines
how long the resin can be used to impregnate the fibers. A variety of techniques
exist to facilitate and automate the impregnation process, such as resin infusion or
resin transfer molding, where resin can either be pushed or sucked through the dry
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fiber layup. The curing process for thermosets is irreversible, while the other type of
matrix material, so-called thermoplastics, are solid at ambient temperature and start
to liquefy once heated above a resin-specific temperature. To efficiently facilitate the
process of placing dry fibers and subsequent impregnation with thermoset resin, the
use of pre-impregnated fibers, also known as prepregs, allows for a reduction of the
involved steps. The resin contained in prepregs is activated and cured by heating
up the part, mostly in combination with the application of pressure in an autoclave
process.

Apart from fiber and resin, a mold that constitutes the shape of the part to be built
is required. Unless applying a hand layup process, where fiber layers are consecutively
placed in the mold and impregnated one after the other, the laminate consisting of
multiple plies according to the so-called stacking sequence needs to be arranged in dry
state inside the mold, before initiating one of the impregnation processes addressed
above. This shows, that in principle composite parts develop on site, hence, other
than with homogeneous materials, the resulting structural properties are strongly
coupled to the production process. Accordingly, in order to enable the manufacturing
of large components not only in a finite amount of time, but also in a well reproducible
manner, the invention of automated fiber placement machines was a logical and also
inevitable step towards reliable serial production. Figure 1.2 gives an impression of
the working principle. Numerous research activities concentrate on advancements of

Figure 1.2: Automated fiber placement (source: automated dynamics)

placement techniques on the one hand, and optimization tools directly considering
constraints imposed by fiber placement on the other hand, for example Van Campen
[Van11].

Before being actually able to produce a composite part, an analytical and/or
optimization procedure most likely has been involved in the derivation of the fiber
paths to be followed in the automated placement, or in the stacking sequences to
be produced in a hand layup technique. Howsoever, some approach to identify the
stiffness properties inherent to the stacking sequences most likely was involved. The
analytical treatment of composite material in terms of mechanical properties such
as stiffness, stress and strain distributions, failure types and so forth has been an
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important research topic for decades. A standard work that covers many composite
related topics is provided for example by Schürmann [Sch07], while the work by Gürdal
et al. [Gur99] focuses on the optimization related topics in composites.

The following sections exemplify two possibilities in parameterizing the stiffness
properties of a laminate, which will later on serve as design variables in the optimiza-
tion process. While both methods are based on the classical lamination theory, the
first one derives laminate stiffnesses on the basis of single layers comprising thickness
and fiber angles, section 1.1.1. The specification of stiffnesses by means of lamina-
tion parameter as described in section 1.1.2 makes use of so-called material invariants
and allows for a continuous stiffness matrix parametrization. Section 1.1.3 eventually
introduces a stiffness visualization methodology.

1.1.1 Classical Lamination Theory

The stress-strain relation in the principal direction of a single composite layer as
depicted in Figure 1.3 can be written as:σ1

σ2

τ12

 =

Q11 Q12 0
Q12 Q22 0

0 0 Q66

 ε1

ε2

γ12

 , (1.1)

σ = Qε , (1.2)

where “1” denotes the fiber direction and “2” the direction orthogonal to the fiber
direction. The relation results from the general 3D stress-strain relation with the

x

y

1

2

θ

Figure 1.3: Coordinate systems and fiber angle in a single layer

plain stress assumption σ3 = τ31 = τ23 = 0. The matrix elements in Q, denoted as
reduced stiffnesses, can be written as:

Q11 =
E1

1− ν12ν21
, (1.3)

Q22 =
E2

1− ν12ν21
, (1.4)

Q12 =
ν12E2

1− ν12ν21
=

ν21E1

1− ν12ν21
, (1.5)

Q66 = G12 . (1.6)
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The transformation from the 1-2-coordinate system to a x-y-coordinate system that
is rotated by an angle θ with respect to the 1-2-coordinate system, is accomplished
by a transformation matrix T, equation (1.7), that transforms stresses and strains
according to equation (1.8); the coordinate systems and fiber angle definition are
shown in Figure 1.3:

T =

 cos2θ sin2θ 2cosθsinθ
sin2θ cos2θ −2cosθsinθ

−cosθsinθ cosθsinθ cos2θ − sin2θ

 , (1.7)

σ1

σ2

τ12

 = T

σx
σy
τxy

 ,

 ε1

ε2

ε12

 = T

 εx
εy
εxy

 . (1.8)

Attention has to be paid to the difference in engineering shear strain γ12 in equation
(1.1) and tensorial shear strain ε12 in the strain transformation, equation (1.8), where
engineering shear strain is equal to twice the tensorial shear strain:

R =

1 0 0
0 1 0
0 0 2

 , (1.9)

 ε1

ε2

γ12

 = R

 ε1

ε2

ε12

 ,

 εx
εy
γxy

 = R

 εx
εy
εxy

 . (1.10)

Combining equations (1.1), (1.8) and (1.10) leads to an equation expressing the stress
strain relationship in the rotated x-y-coordinate system:σx

σy
τxy

 = T−1QRTR−1

 εx
εy
γxy

 , (1.11)

where the stiffness matrix of the rotated layer is written as:

Q̄ = T−1QRTR−1 . (1.12)

The stiffness derivation of a laminate consisting of multiple layers is based on an
important assumption in the classical lamination theory. Each layer subject to the
rotated stress-strain relationship is assumed to bond perfectly with its neighboring
layers with an infinitely thin adhesive film. The layers are assumed to undergo the
same shear deformation for in-plane loading and a linearly varying shear deformation
in thickness direction for bending loads. A laminate of k layers, not necessarily
symmetric about the mid-plane and comprising varying layer thicknesses is shown in
Figure 1.4. The strain deformation expressed as function of the thickness coordinate
z then becomes:  εx

εy
γxy

 =


ε0
x

ε0
y

γ0
xy

+ z

 κx
κy
κxy

 , (1.13)
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Figure 1.4: Laminate cross section, made up of single layers

where superscript “0” denotes the shear deformation of the mid-plane, κ is the radius
of curvature, and z is the coordinate in thickness direction. Combining equations
(1.11), (1.12), and (1.13) results in a position dependent stress-strain relationship of
a layer within a laminate:σx

σy
τxy


(k)

= Q̄(k)


ε0
x

ε0
y

γ0
xy

+ zQ̄(k)

 κx
κy
κxy

 . (1.14)

Integrating the stresses over the thickness leads to overall stress resultants, equation
(1.15). Accordingly, considering the distance z with respect to the mid-plane, the
stresses generate moment resultants, equation (1.16). Since the stress distribution
throughout a laminate is not continuous, the integration has to be split up in an
integration over each layer and subsequent summation:Nx

Ny
Nxy

 =

n∑
k=1

∫ hk

hk−1

σx
σy
τxy

 dz , (1.15)

Mx

My

Mxy

 =

n∑
k=1

∫ hk

hk−1

z

σx
σy
τxy

 dz . (1.16)

Finally, inserting equation (1.14) in equation (1.15) and (1.16), considering the in-
dependence of Q̄, ε and κ with respect to z, and performing the simple integrations
leads to:Nx

Ny
Nxy

 =

n∑
k=1

Q̄(k)


ε0
x

ε0
y

γ0
xy

 (hk − hk−1) + Q̄(k)

 κx
κy
κxy

 1

2
(h2
k − h2

k−1)

 ,

(1.17)Mx

My

Mxy

 =

n∑
k=1

Q̄(k)


ε0
x

ε0
y

γ0
xy

 1

2
(h2
k − h2

k−1) + Q̄(k)

 κx
κy
κxy

 1

3
(h3
k − h3

k−1)

 ,

(1.18)
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and rewritten: Nx
Ny
Nxy

 = A


ε0
x

ε0
y

γ0
xy

+ B

 κx
κy
κxy

 , (1.19)

Mx

My

Mxy

 = B


ε0
x

ε0
y

γ0
xy

+ D

 κx
κy
κxy

 , (1.20)

where:

A =

n∑
k=1

Q̄(k)(hk − hk−1) , (1.21)

B =
1

2

n∑
k=1

Q̄(k)(h
2
k − h2

k−1) , (1.22)

D =
1

3

n∑
k=1

Q̄(k)(h
3
k − h3

k−1) , (1.23)

denote the laminate membrane, coupling, and bending stiffness matrices, respectively.
The coupling matrix B establishes a connection between in-plane and out-of-plane
deformations and loadings; it vanishes for symmetric laminates. Rewriting equation
(1.19) and (1.20) in matrix notation results in:

Nx
Ny
Nxy
Mx

My

Mxy


=


A11 A12 A13 B11 B12 B13

A22 A23 B22 B23

sym. A33 sym. B33

B11 B12 B13 D11 D12 D13

B22 B23 D22 D23

sym. B33 sym. D33





ε0
x

ε0
y

γ0
xy

κx
κy
κxy


. (1.24)

Equation (1.24) best explains the possible coupling mechanisms that can arise
as a consequence of non-zero elements in the membrane stiffness matrix A and the
bending stiffness matrix D. Postulating symmetrical stacking sequences only, the
coupling matrix B vanishes and will not be considered. The in-plane coupling of
deformations ε0

x and ε0
y via matrix element A12 reflects the elongation-contraction

effect described by the Poisson’s ratio. Since A12 will never be zero, the coupling
will always exist. More interesting however are stiffness elements A13 and A23, which
couple the in-plane extension and shear deformations. When non-zero, a laminate
loaded in tension will simultaneously experience a shear deformation. Later on it will
be demonstrated that extension-shear coupling constitutes one of the fundamental
instruments in aeroelastic tailoring. The magnitudes of A13 and A23 are directly
related to the laminate stacking sequence. A designated rank is devoted to balanced
laminates, which feature a ply with negative angle −θ for each ply with positive θ.
Along with the restriction to symmetric laminates, extension-shear coupling terms
in the A matrix will be zero. Unbalanced laminates however do feature non-zero
coupling elements, indicating their superior suitability for aeroelastic tailoring.



10 INTRODUCTION 1.1

Similar considerations can be employed for the bending stiffness coupling terms
D13 and D23. These terms cause twisting of a laminate that is purely loaded in
bending, and are therefore denoted as bending-twist coupling terms. The latter should
not be confused with what is commonly denoted as bending-twist coupling of a wing.
This effect in turn is caused to a large extent by the previously described extension-
shear coupling of the mostly membrane-loaded wing skins.

More details on coupling effects in combination with aeroelastic tailoring will be
provided in the chapters dedicated to the application of the developed stiffness opti-
mization process.

1.1.2 Lamination Parameters

The derivation of stiffness matrices with classical lamination theory demonstrated
the direct link of stiffness properties with the stacking sequence in terms of layer
thicknesses and fiber angles. Another possibility is to express the laminate stiffness
matrices not as function of the stacking, but as function of lamination parameters
exists and will be discussed below.

Lamination parameter were first introduced by Tsai et al. [Tsa68], [Tsa80], and
represent an integrated form of the layer angles over the laminate thickness as shown
in equation (1.25):

(V1A, V2A, V3A, V4A) =
1

h

∫ h/2

−h/2
(cos2θ, sin2θ, cos4θ, sin4θ) dz ,

(V1B, V2B, V3B, V4B) =
4

h2

∫ h/2

−h/2
z (cos2θ, sin2θ, cos4θ, sin4θ) dz , (1.25)

(V1D, V2D, V3D, V4D) =
12

h3

∫ h/2

−h/2
z2 (cos2θ, sin2θ, cos4θ, sin4θ) dz .

In combination with the material invariant matrices Γi, lamination parameters con-
stitute a set of twelve continuous variables that along with a laminate thickness h
suffice to compute the material stiffness matrices according to equation (1.26):

A = h(Γ0 + Γ1V1A + Γ2V2A + Γ3V3A + Γ4V4A) ,

B =
h2

4
(Γ1V1B + Γ2V2B + Γ3V3B + Γ4V4B) , (1.26)

D =
h3

12
(Γ0 + Γ1V1D + Γ2V2D + Γ3V3D + Γ4V4D) .

Equation (1.26) also suggests a thickness normalized version of the stiffness matrices,
denoted with a hat symbol:

Â = A
1

h
, B̂ = B

4

h2
, D̂ = D

12

h3
. (1.27)

Lamination parameters in principle are allowed to vary independently, however,
only within feasible regions that in turn will result in feasible stacking sequences.
This implies that the boundaries within which a parameter can be varied depend on
the magnitude of all other parameters. The application of lamination parameters has
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been hampered by the lack of definition of the the feasible region for simultaneously
optimizing in-plane and bending behavior. Recently, many attempts have been made
to remedy this, such as Setoodeh et al. [Set06a] who give approximate feasible regions
for any combination of lamination parameters.

The material invariant matrices Γi result from the material invariants Ui. As their
name implies, they only depend on material properties and not on the fiber angle.
They can be derived from elements of the reduced stiffness matrix, equation (1.1):

U1 = (3Q11 + 3Q22 + 2Q12 + 4Q66)/8 ,

U2 = (Q11 −Q22)/2 ,

U3 = (Q11 +Q22 − 2Q12 − 4Q66)/8 , (1.28)

U4 = (Q11 +Q22 + 6Q12 − 4Q66)/8 ,

U5 = (Q11 +Q22 − 2Q12 + 4Q66)/8 .

The material invariants Ui can also be applied in derivation of the directional stiff-
ness matrix of a single layer. The generation of a transformation matrix T and the
according matrix multiplications shown in equation (1.12) are not required:

Q̄11 = U1 + U2cos2θ(k) + U3cos4θ(k) ,

Q̄22 = U1 − U2cos2θ(k) + U3cos4θ(k) ,

Q̄12 = U4 − U3cos4θ(k) , (1.29)

Q̄66 = U5 − U3cos4θ(k) ,

Q̄16 = (U2sin2θ(k) + 2U3sin4θ(k))/2 ,

Q̄26 = (U2sin2θ(k) − 2U3sin4θ(k))/2 .

From the invariants, equation (1.28), follow the material invariant matrices Γi, equa-
tion (1.30), that are applied in the derivation of the laminate stiffness matrices ac-
cording to equation (1.26). Again, it should be stressed that Γi do only depend on
material properties.

Γ0 =

U1 U4 0
U4 U1 0
0 0 U5

 , Γ1 =

U2 0 0
0 −U2 0
0 0 0

 , Γ2 =

 0 0 U2/2
0 0 U2/2

U2/2 U2/2 0

 ,
Γ3 =

 U3 −U3 0
−U3 U3 0

0 0 −U3

 , Γ4 =

 0 0 U3

0 0 −U3

U3 −U3 0

 . (1.30)

While a physical interpretation of the influence of each lamination parameters on
the membrane stiffness matrix is provided by IJsselmuiden [IJs11], an examination
of equations (1.26) and (1.30) already provides some hints. With a full set of twelve
lamination parameters, the description of an arbitrary stacking sequence is possible.
Imposing a restriction to symmetric laminates, the coupling matrix B vanishes along
with ViB = 0. The eight remaining lamination parameters for A and D in general
specify a symmetric and unbalanced laminate, with fully populated stiffness matrices.
Noting that only invariants Γ2 and Γ4 exhibit non-zero elements in the coupling
terms (1, 3) and (2, 3), the description of a balanced laminate is to hand when setting
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lamination parameters V2A, V4A, V2D, V4D equal to zero. Accordingly, symmetric
and balanced laminates can be described with four lamination parameters only.

The description of laminate stiffness properties with lamination parameters offers
two distinct advantages over a representation with layer thicknesses and angles. One,
the number of variables describing the stiffness properties is fixed to a maximum
of twelve lamination parameters and one thickness, further reducing with the above
mentioned restrictions on the laminate. The stacking sequence description on the
other hand requires the definition of 2n variables, where n is the number of layers
within the laminate. With stacking sequences in industrial applications featuring tens
or even hundreds of layers within a laminate, the amount of variables required for a
stiffness description greatly succeeds the one required with lamination parameter.
Two, while stiffness matrices in the lamination parameter description are a linear
function of continuous lamination parameter variables, the stiffness matrices when
parametrized with layer thicknesses and angles are related in a highly non-linear
manner to the defining variables. Considering the implementation of stiffness matrices
in an optimization, both above mentioned arguments impose an inordinately more
difficult optimization problem. For one thing, by virtue of the larger number of
design variables, and for another thing due to the irregular design space as a result
of the non-linear stiffness dependency.

Nevertheless, a drawback when using lamination parameters is the requirement of
an additional subsequent step that converts stiffness matrices into realistic stacking
sequences. Many researchers have and are still investigating this topic, for example
IJsselmuiden et al. [IJs09], Bloomfield et al. [Blo09], Van Campen et al. [Van12], Liu et
al. [Liu13]. While the research in this dissertation is focused on a continuous stiffness
matrix optimization, an insight into the subsequent stacking sequence derivation based
on the optimized stiffness matrices according to the process developed by Irisarri et al.
[Iri13] will be provided in section 2.3.

1.1.3 Membrane Stiffness Visualization

To later on visualize the in-plane stiffness distribution of a given A matrix, the thick-
ness normalized engineering modulus of elasticity Ê11(θ), θ = 0◦ to 360◦, can be
calculated from:

Ê11(θ) =
1

Â−1
11 (θ)

, (1.31)

where:
Â−1(θ) = TT Â−1T . (1.32)

The transformation matrix T corresponds to the one used in the stress-strain rela-
tionship derivation, equation (1.7).

Characteristic polar stiffness distributions as calculated with equation (1.31) are
shown in Figure 1.5, where the x-axis constitutes the 0◦ direction. The material prop-
erties of a single ply are listed in table 1.2. They correspond to the properties applied
in the structural components considered for optimization throughout all design stud-
ies depicted in part II of this work. The stiffness distributions are all normalized
by the largest value occurring for a single fiber direction as shown in Figure 1.5(a),
featuring only a single, but mirrored 0◦ ply and accordingly a maximum normalized
stiffness of 1.0 in the x-direction. The laminate is defined by the notation [01]s, where
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Table 1.2: Single ply material properties

E11 E22 G12 ν12 ρ
83.0e9GPa 8.5e9GPa 4.2e9GPa 0.35 1452 kg/m3

the subindex number denotes the contribution to the overall thickness, which again
results from the summation of thicknesses of all contributing ply angles. Subindex s

indicates a symmetric stack, for which all plies are mirrored. Since the normalized
stiffness matrix Â does not depend on the overall thickness, it is only the relative
thickness of each contributing ply that influences the stiffness distribution. This is
demonstrated by the [305]s distribution shown in Figure 1.5(b), which despite the
increased thickness exhibits an identical shape and magnitude as the distribution in
Figure 1.5(a), only rotated by 30◦. Adding an equivalent thickness ply with −30◦ to

0.50

1.00

x

y

(a) [01]s

0.50

1.00

x

y

(b) [305]s

0.50

1.00

x

y

(c) [−301/301]s

0.50

1.00

x

y

(d) [−451/451]s

0.50

1.00

x

y

(e) [−451/+ 451/901/01]s

0.50

1.00

x

y

(f) [−4522/+ 4522/9011/044]s

Figure 1.5: Ê11(θ) stiffness distributions for characteristic laminates

the 30◦ direction leads to the distribution shown in Figure 1.5(c). Compared to the
single ply direction, the maximum stiffness reduces to approximately 56%. Nearly
the same maximum stiffness is obtained with a [−451/451]s stacking, Figure 1.5(d),
however, with a much more pronounced directional stiffness alignment. The special
case of a quasi-isotropic laminate with equivalent stiffness in all directions is shown
in Figure 1.5(e). The stiffness distribution belonging to a stacking sequence that is
used as optimization starting point for the design studies in part II is shown in Figure
1.5(f). As a result of the dominant 0◦ ply, the stiffness extends mainly in x-direction.
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1.2 Composite Optimization

With the emergence of fiber reinforced plastics and the identification of their poten-
tial benefits when applied in aircraft structures, the development of modeling and
optimization methods began, which in the past decades has entailed a considerable
amount of research work. The books by Gürdal et al. [Gur99] and Haftka et al.
[Haf92] yield detailed insight into composite optimization in particular and structural
optimization in general.

An elaborate review on the various optimization strategies developed for variable
stiffness designs is presented in Ghiasi et al. [Ghi10]. The report provides a valuable
overview on methods which basically are all directed towards finding optimum com-
posite stiffness or stacking sequence distributions. Denoting a stiffness distribution as
variable is motivated by, by definition, a gradual or patchwise adaptation of stiffness
within a structural component, [IJs11]. A stiffness variation for this is to hand, when
varying at least one of the two parameters fiber angle or thickness within a part.
Variable stiffness represents a crucial contribution to the search for a weight optimal
design for an efficient application of composites in a load carrying component of an
aircraft. Constant stiffness designs in contrast features constant stiffness throughout
the entire component. Ghiasi et al. [Ghi09] provide a review of optimization strategies
for these kind of laminates.

The composite optimization strategy to be adopted for variable stiffness applica-
tions depends strongly on the selected stiffness parametrization. Two parametrization
methods were presented in section 1.1, consisting of an explicit definition of the stiff-
ness using a stacking sequence, hence layer thicknesses and fiber angles, section 1.1.1,
or through an implicit description of stiffness using lamination parameters, section
1.1.2. With the research presented in this thesis being based on the continuous op-
timization of laminate stiffnesses, the focus of section 1.2.1 will be on a review of
the research performed on lamination parameter optimization. Composite optimiza-
tion based on discrete stacking sequences will be discussed in conjunction with its
application in wing design, section 1.3.2.

A third method to express stiffnesses, which can be ranked among the explicit
parameterizations, involves a fiber path description using mathematical functions and
will only be briefly addressed for sake of completeness. This method was first applied
by Olmedo et al. [Olm93] for the maximization of buckling loads of a plate. To this
end the fiber angle was varied linearly along one of the spatial dimensions, finally
resulting in a considerable increase in buckling load of 80% over the corresponding
straight fiber design. Blom et al. [Blo08] demonstrate the optimization of conical shells
for maximum fundamental frequency by means of various fiber path definitions. A
more recent application, addressing a minimization of tow-placed ply overlaps, while
describing fiber paths using a streamline analogy, is presented in Blom et al. [Blo10].

Another detailed survey of composite optimization procedures in general is pro-
vided in [Ken13], while the main purpose of the paper is a proposed new laminate
parametrization technique, in which each structural segment is composed of a fixed
number of layers featuring fiber angles limited to a fixed set of angles. They intro-
duce adjacency constraints to avoid large jumps in fiber angles within a layer and
demonstrate the new parametrization using plate and stiffened plate compliance min-
imizations and buckling optimizations.
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1.2.1 Lamination Parameter Optimization

One of the first applications of lamination parameters in structural optimization was
done by Miki et al. [Mik93]. Considering symmetric and balanced laminates, they
present optimizations for maximized in-plane and bending stiffness, buckling strength
and natural frequency of a laminated plate.

Fukunaga et al. [Fuk94] in their paper demonstrate a fundamental frequency max-
imization for a plate featuring an unbalanced laminate. They show that the frequency
reduces with the consideration of bending-twist coupling. Similar research, but with
buckling load as the objective to be maximized, is discussed in Fukunaga et al. [Fuk95].
Different trends of bending-twist coupling can be disclosed, depending on the buck-
ling failure mode. Compliance maximization on a lamination parameter basis for
various clamping conditions and load cases is discussed in Hammer et al. [Ham97].
Liu et al. [Liu04] compare genetic optimization with a continuous, lamination param-
eter based optimization for a buckling load maximization within a defined range of
possible stacking sequences and find a good agreement between methods, except for
thin, low aspect ratio laminates.

The considerable leap in performance when adopting variable, instead of constant
stiffness laminates in a lamination parameter based optimization is demonstrated in
Setoodeh et al. [Set06b], by minimizing compliance of a variable stiffness composite
plate, moreover they show, that designs based on lamination parameters are superior
to the results obtained using a fiber angle parametrization. A similar investigation
with the objective of maximizing the fundamental frequency of a composite plate is
provided in Abdalla et al. [Abd07b]. An improved convergence behavior could be
obtained by introducing a reciprocal approximation of the objective function. The
variable stiffness designs are shown to clearly outperform constant stiffness designs.
IJsselmuiden et al. [IJs10] have demonstrated a lamination parameter based, variable
stiffness buckling load maximization for a composite plate using a mixed, linear and
reciprocal approximation of the objective function.

A missing link for the adaptability of lamination parameter based optimizations
to strength related problems is filled in by IJsselmuiden et al. [IJs08]. They present
the development of a strength failure criterion in lamination parameter space and
demonstrate its functionality using a strength maximization on a plate under com-
bined axial and shear loading. Khani et al. [Kha11] demonstrate the functionality of
the strength failure criterion along with a hybrid approximation of the strength failure
index using a variable stiffness panel with a central hole. They draw the conclusion
that stiffness as a surrogate for strength design in the presence of large stress gradients
is not to be recommended. Bloomfield et al. [Blo09] develop a two-level optimization,
comprising a lamination parameter based continuous optimization first, followed by a
modified particle swarm optimization in the search for an optimal stacking sequence.
The functionality is demonstrated using the minimized mass of a constant stiffness
composite plate, subjected to various loading cases.

1.3 Composites and Aircraft Wings

Having established the theory of composite modeling in section 1.1 and presented a
review of composite optimization with a focus on lamination parameters in section
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1.2, this section completes the required groundwork by discussing the application
of composite in aircraft wings. First, some fundamental principles on aircraft wing
structures in general are presented, section 1.3.1, followed by an outline on the research
performed in the field of composite optimization in aircraft wings with and without
a consideration of aeroelastic responses, section 1.3.2.

1.3.1 Wing Structural Layout

In an evolutionary process, starting at the very beginning of manned flight, and
influenced by prevailing materials of their time, wood to metal to composites, as
well as production technology the, nowadays widely accepted, load carrying wing box
design was developed. In this section, rather than a historical review, the status quo
in modern aircraft structural layout will be highlighted, and some general terminology
will be defined.

The developments in structural layout for 24 commercial transport jets is presented
in Sensmeier et al. [Sen04], who investigated the aircraft families of three major trans-
port aircraft manufacturers. They depict the temporal evolvement of the front and
rear spar position, as well as the rib spacing. Niu [Niu88] in his book gives a very
elaborate insight into constructional details with respect to aircraft structures in gen-
eral, and a valuable overview on the global structural layout of, among others, modern
transport aircraft wings. Focusing less on the constructional aspects, and more on the
mathematical and engineering methods used to calculate structure-related quantities
like stresses, strains and displacements, the work of Megson [Meg99] provides the link
between the wing structural layout and simplified methods used to determine their
structural properties.

Independent of the addressed resources, the schematized structure depicted in
Figure 1.6 can be considered to be the general layout of a modern transport aircraft
wing, usually denoted a wing box. The box is covered top and bottom by stringer

Figure 1.6: Structural layout of an aircraft wing, top skin removed

stiffened wing skins. Stringers are responsible mainly for reducing the buckling field
size, but simultaneously, along with the wing skins, contribute to the bending stiffness
of the wing. In front and rear, the wing box is terminated by spars. Depending mostly
on the manufacturers design philosophy, a mid spar in the inner wing may or may
not exist [Sen04]. Playing a key role in the support of shear forces, the spars shell
structure is also denoted as shear web. Both terminologies, spar and shear web, are
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used in this work. Eventually, ribs are introduced to preserve the cross-sectional
shape, which is necessary for aerodynamic and structural reasons. While ribs are
usually oriented perpendicular to one of the spars, no general rule exists so that an
alignment with the flow, as shown in the inner wing of the structure in Figure 1.6,
is not unusual. The reasons for designing the load carrying wing structure as a box
are basically twofold. One, a box allows for storing fuel in the wing, which due to
the amount of fuel required for a flight is an inevitable premise for passenger aircraft.
Two, the space in front and aft of the wing box is allocated to various kinds of systems,
the most prominent of which are the high lift systems in leading and trailing edge,
roll control surfaces and the landing gear.

1.3.2 Aeroelastic Optimization

Optimization based on stacking sequence

The optimization of composite materials used to form the load carrying structure of a
wing is a research topic that has been discussed for decades, see for example Starnes
Jr et al. [Sta79], where the authors apply an approximation based optimization to
minimize the weight of a wing structure subjected to different combinations of buck-
ling, strength, displacement and twist constraints. While fiber angles of a balanced
and symmetric stacking sequence are prescribed, the layer thicknesses serves as de-
sign variables. Although not optimizing, but analyzing the effect of bending-twist
coupling on the aeroelastic behavior of composites plates with various symmetric,
unbalanced stacking sequences, Hollowell et al. [Hol84] demonstrate the considerable
effects induced by the coupling terms in the bending stiffness matrix. Green [Gre87]
investigates the influence of non-symmetric laminates on the aeroelastic behavior of
high aspect ratio wings by applying an integrating matrix method to derive diver-
gence and flutter speeds of various stacking sequences. The differences between a
sequential and an integrated design on the performance of a sailplane are investigated
in Grossman et al. [Gro86]. Design variables comprise skins, spar cap and web thick-
nesses, and they depict the advantages of simultaneously designing aerodynamics and
structure.
A valuable survey on aeroelastic tailoring effects as a result of the directional stiff-
ness in orthotropic composites is provided in Shirk et al. [Shi86]. They investigate
possible influences of rotated fiber angles on minimum weight, twist, normal modes,
flutter and aerodynamic performance for various configurations, reaching from fighter
aircraft to forward swept configurations. A general overview on optimization tech-
nologies reaching from optimizations on panel level to the aeroelastic optimization of
composites in aircraft wings is provided in Vanderplaats et al. [Van89].
Ringertz [Rin94] performs a mass optimization for a cantilevered beam subjected to
aeroelastic loads derived from doublet lattice. The thicknesses of the unbalanced
wing skin laminates serve as design variables, with the wing being subjected to diver-
gence and flutter constraints. Subsequently, the design is analyzed for imperfection
sensitivity. Eastep et al. [Eas99] investigate the influence of layup orientation in a
straight fiber design on the optimized mass of a low aspect ration wing, constrained
by strength, roll-reversal and flutter velocity. Using the thicknesses of a symmetric
and balanced layup as design variables, they come to the conclusion that tilting the
entire stack in 5◦ steps does not have a significant influence on the optimized mass.
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In a more recent work, Leon et al. [Leo12] maximize the flutter eigenfrequency of a
composite plate wing with ply angles as design variables, considering symmetric and
non-symmetric stackings. A related research, but for a tow steered composite plate
featuring symmetric layups is described in Stodieck et al. [Sto13]. They investigate
the effect of varying tow angles on eigenmodes, elastic axis, as well as divergence and
flutter speed.
Guo et al. [Guo12] present a two-stage procedure, where in a first step layer thicknesses
and angles serve as the design variables in minimizing mass, subject to strength and
damage tolerance constraints. The second stage focuses on a reduction of the wings
response to a gust, measured by its transverse tip deflection. Applied to the skins of a
transport aircraft wing, optimization results indicate considerable potential for weight
saving. Dillinger et al. [Dil13b] demonstrate the application of membrane coupling
induced by unbalanced laminates to aeroelastically tailor the twist distribution of a
high aspect ratio sailplane wing.

Optimization based on lamination parameter

Aeroelastic tailoring studies based on lamination parameters have been attempted
previously, though not to the same extent as the previously depicted optimizations
comprising discrete stacking sequences.

Kameyama et al. [Kam07] using a composite plate wing demonstrated the influence
of lamination parameters on the flutter and divergence characteristics. They consider
a parametrization of the bending stiffness matrix only, while implying symmetric lam-
inates. All calculations are performed for forward, backward and an unswept wings.
In addition to the analyses Kameyama et al. perform a genetic algorithm based mass
optimization with constraints on flutter and divergence speed.
Herencia et al. [Her07] demonstrate a two-step optimization scheme to minimize mass
of an aeroelastically loaded wing. In a first step, lamination parameters describing
symmetric but potentially unbalanced laminates in the skins and spars, are used in a
gradient based mass optimization comprising strength, buckling and practical design
and ply contiguity constraints. Moreover, lift and induced drag are considered as
aeroelastic responses. The second step comprises a genetic algorithm based stacking
sequence optimization, where the sum of square difference between the actual and
the optimum obtained in the first step serves as objective. The results disclose a
considerable influence of aeroelastic tailoring on the optimized weight.
Minimization of compliance of a variable stiffness slender wing that is represented as
a beam is demonstrated in Abdalla et al. [Abd07a]. The cross-sectional properties of
the beam are parametrized using lamination parameters that define the membrane
stiffnesses of the box cross section. Results show that variable stiffness layups can sig-
nificantly outperform structures comprising constant stiffness. Unbalanced laminates
in particular, comprising bending-torsion coupling, lead to the best performance in
terms of compliance.
Thuwis et al. [Thu10] demonstrate the possibility of reducing the induced drag of a
Formula One wing using passive twist adaption resulting from an aeroelastic tailoring
optimization based on lamination parameters. Exploiting the effect of bending-torsion
coupling, the applied aerodynamic analysis code VSAERO indicates there is consid-
erable potential to lower drag in straight passages, while maintaining the required
downforce in turns.
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Another two-level optimization strategy has recently been proposed by [Liu13].
Allowing for symmetric and unbalanced laminates, a lamination parameter based
weight minimization is performed before applying genetic algorithms for the deriva-
tion of stacking sequences. The objective function in the second optimization step
comprises a minimization of the square distance of lamination parameters. The re-
search relates to a preceding two-level optimization, [Liu00], where in the first step,
instead of lamination parameters, the thickness of fixed angle plies is optimized.

1.4 Objectives and Thesis Layout

The principal objective of the research reported here was to develop a variable stiffness
composite laminate optimization process that incorporated the possibility of consid-
ering static aeroelastic responses in the structural design of aircraft wings. A special
focus was laid on the direct inclusion of deflection dependent aerodynamic loading
in the structural optimization loop. Taking the membrane and bending stiffness ma-
trices of the shell-type structural entities serving as design variables, a lamination
parameter based optimization strategy developed by IJsselmuiden [IJs11] was em-
ployed, necessitating a methodology for generating the appropriate responses and
sensitivities using a finite element solver. The gradient based optimizer was based
on linear and reciprocal response approximations in the design variables, appropriate
formulations for the aeroelastic responses aileron effectiveness, divergence and twist
in terms of the stiffness matrices also needed to be generated. Eventually, with regard
to aeroelastic optimizations in the transonic regime, a correction method for the pre-
sumed to be inaccurate aeroelastic loads resulting from the doublet lattice method,
using computational fluid dynamics, was targeted.

The path followed to achieve the above mentioned objectives is, to a certain extent,
reflected in the layout of this dissertation. The thesis is divided in three parts, com-
prising optimization methodology, design studies and a summary. A general overview
on the developed optimization framework is presented in chapter 2. Each step in-
volved is briefly introduced and linked to the appropriate chapters that provide a
deeper insight in the respective topic. As the static aeroelastic constraints constitute
an important ingredient in the optimization, they are discussed in more detail in this
chapter, and to envision the continuative step that follows the stiffness optimization
presented in the dissertation, the general idea of a stacking sequence derivation is
discussed.

The parametric wing model concept as it was applied to generate the required
analysis models is described in chapter 3. The model setup incorporates details of
the geometric representation of the wing, the finite element model deduced from it,
and descriptions of mass modeling and the generation of an appropriate aerodynamic
model allowing for the derivation of aeroelastic loads.

A detailed description of the optimization model, which serves the derivation of
responses and sensitivities using the finite element solver are presented in chapter
4. The concept of design fields, comprising equal stiffness properties, is introduced.
The solver specific procedures used to define the design variables and responses are
explained, along with the routines developed to export the data required for, amongst
other things, setting up the response approximations. The derivation of the latter is
presented in chapter 5. First, the general form of an approximation in terms of
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stiffness matrices is discussed, followed by a description of the methodology that was
developed to maximize the reciprocal portion of a response approximation. Finally,
individual descriptions of the structural and aeroelastic approximations employed in
this research are presented.

The theoretical part of this work is concluded in chapter 6 with a depiction of the
aero load correction process. Starting with a description of the governing matrices
involved in the doublet lattice method, two correction strategies, comprising either
a direct manipulation of the doublet lattice method or a correction using computa-
tional fluid dynamics are introduced. The correction module developed for the latter
strategy is also discussed.

The functionality of the optimization methodology developed in the first part
of this thesis is demonstrated by means of design studies in the second part of the
thesis. The optimization of a simplified model of a swept back wing is presented
in chapter 7. First, the required analysis models comprising geometry, load cases,
finite element model and optimization model are presented along with a detailed
description of the starting design. Sensitivities generated using the finite element
solver are compared to the results of a finite difference approach to ensure their
correctness. Optimization results for a mass minimization of the wing skins and an
aileron effectiveness maximization are presented. Both cases involve a comparison
between balanced and unbalanced laminate optimizations.

A detailed study into the effects of aeroelastic constraints on the wing skin mass is
discussed in Chapter 8. Starting with a description of the analysis models, load cases
and the starting design, the influence of aileron effectiveness, divergence pressure and
twist constraints are highlighted in three separate investigations. Both, balanced and
unbalanced laminates are considered.

Concluding the design studies, the aeroelastic optimization of a forward swept wing
with corrected aerodynamic forces is presented in chapter 9. First, a trim application
without structural optimization is discussed, to demonstrate the convergence behavior
of the correction forces. The results of a wing skin mass minimization with balanced
and unbalanced laminates are then presented, highlighting in particular the differences
between optimizations with and without aero correction. Moreover, the consequences
of adding spars to the optimization model are discussed, followed by a demonstration
of a stacking sequence optimization for the forward swept wing.

Finally, conclusions drawn from the present, and recommendations for further
research are provided in chapter 10.
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Optimization Methodology
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CHAPTER 2

Basic Concept

“Although personally I am quite content with existing explosives, I feel
we must not stand in the path of improvement.”

Winston Churchill

At present it is an enormously difficult and complex task to perform an entire
composite optimization process for a large scale product design such as an aircraft
wing or fuselage in a single shot, comprising responses ranging from material related
strain and buckling constraints over aeroelastic constraints, down to manufacturing
constraints and constraints relating to a specific layup technique. In this regard
it seems sensible to split up the process into steps to circumvent the problems of
inconsistent design variables and constraints. Then in each step the problems specific
to that set, and the variables and constraints of the set, can be dealt with using
problem tailored optimization algorithms.

In the strategy followed in this thesis, the composite optimization is split into
three steps. These steps are, one, a stiffness-based optimization with continuous
variables and the applicability of gradient based optimization strategies. Two, a
stacking sequence optimization, featuring the optimized stiffnesses of step one as the
objective, and three, a fiber path optimization. Steps two and three incorporate
constraints with regard to producibility and manufacturing, which evolve from the
chosen manufacturing technique, e.g. fiber placement. In this thesis the focus is on the
first step in the optimization chain, aiming at the development of a variable stiffness
optimization process with static aeroelastic responses. The second step, comprising a
stacking sequence optimization, will be addressed briefly, step three in the chain will
not be discussed further in this thesis. All the steps highlighted above form part of
the composite optimization strategy pursued at Delft University of Technology. For
those missing, further information on steps two and three are covered in detail in,
for example, IJsselmuiden et al. [IJs09], Van Campen [Van11], Nagy [Nag11], Van
Campen et al. [Van12].

Before looking at each module contributing to the variable stiffness optimization
of composite structures in more detail, an overview of the developed methodology is

23
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presented in this chapter. The major steps in setting up and performing the optimiza-
tion along with the tools used to do so are described in section 2.1. The consideration
of static aeroelastic responses is a core issue, and therefore requires a proper charac-
terization, this is done in section 2.2.

Optimized stiffness matrices constitute the final outcome of the process presented
here, a subsequent optimization step is required that transforms membrane and bend-
ing stiffnesses into feasible, discrete stacking sequences. Thus, the concept of stacking
sequence tables, forming an efficient basis for stacking sequence optimizations based
on the continuous stiffness output, is introduced in section 2.3.

2.1 Optimization Framework

Designating the optimization developed in this thesis a framework indicates that
several well understood components are designed to interact such as to result in a
process, capable of performing a desired task. The task to hand consists of designing a
composite stiffness optimization for shell-like components used in the structural layout
of an aircraft wing. In addition it should be possible for the framework to be used to
determine optimum stiffness in non-wing and non-aircraft related structures, keeping
in mind however that an important aspect is the allowance for static aeroelastic
responses.

The framework for the optimization of aircraft wings with aeroelastic constraints
consists of several components and steps, each of which will be described briefly in the
following sections, and in more detail in the corresponding chapters thereafter. An
overview of the process is depicted in Figure 2.1. It corresponds to a successive convex
subproblem iteration procedure, in which a gradient based optimizer consecutively
solves a local approximation problem.

FE Model
(Chapter 3)

Optimization
Model

(Chapter 4)

Sensitivity
Analysis

(Chapter 4)

Approximation
Setup

(Chapter 5)

Optimization
Step

Convergence
criteria

reached?

STOP

no: pass new design variables

yes

Figure 2.1: Schematic overview of the optimization framework

The process is geared towards the optimization of the load carrying, shell-like
structural components in a wing, the properties of which can be represented as mem-
brane A and bending stiffness matrices D. Along with the shell thickness, they
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represent the design variables used in the optimization process. When only symmet-
ric laminates are considered, the coupling stiffness matrices B are equal to 0 and
therefore not part of the design variables.

The process basis is formed from a finite element model of the wing structure
that serves as an analysis model for the desired responses f , and as the evaluation
of sensitivities ∂f

∂x of the responses with respect to the design variables x. To this
end, an optimization model is defined, specifying the design variables and responses
in the terminology of the applied finite element code. The responses and sensitivities
serve as input for the derivation of an analogous analysis model that describes the
behavior of each response in the surrounding of the analyzed design. For this pur-
pose, each response is approximated as function of potentially each design variable,
while satisfying the essential properties of convexity, separability and conservative-
ness. The approximation model replaces the actual analysis model in the search of the
optimizer for a minimum of the objective function, greatly accelerating the function
evaluations required during the optimization. The optimization step results in a new
set of design variables that represent the global optimum of the convex approxima-
tion subproblem. If the convergence criterion is met, basically an upper bound on the
change in the objective function for subsequent feasible iterations, the optimization is
stopped. Otherwise the process continuous with the derivation of new responses and
sensitivities.

In order to broaden the understanding of the contribution of each, a short de-
scription of the tasks within the optimization process is provided in the following
sections.

2.1.1 Finite Element Model

A finite element model (FE model) that allows for the calculation of the required
responses and the derivation of their sensitivities with respect to the design variables
forms the starting point of the optimization. The FE model takes a central position
in the optimization process, which is built solely on the responses and sensitivities
produced by the finite element model. The Nastran finite element analysis software
[Moo04] takes over the function of the structural solver.

The wing skins, shear webs and ribs are represented by shell elements; stiffening
structural entities like stringers in the wing skins, shear webs and ribs are represented
by beam elements. Elements in the wing skins are grouped in the spanwise and
chordwise direction, with the elements in a group sharing the same membrane and
bending stiffness matrix and thickness. The models topology and element resolution
remain unchanged throughout the optimization, only the properties that define the
shell stiffnesses will change, based on the modifications proposed by the optimizer. All
masses that are not covered by the load carrying structural entities can be taken into
account by point masses, including for example the nose and trailing edge sections,
high-lift devices, local installations, actuators, fuel, and so on. The wing is clamped
at the root section, integrating with a rigid element all nodes belonging to the root rib
into a single node. No structural representation of fuselage and tailplanes is considered
in the present work, their contribution to the overall mass is represented in a point
mass attached to the clamping node.

A more detailed insight into the FE model generation is presented in chapter 3.
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2.1.2 Optimization Model

The optimization model is part of the finite element model. It defines the design
variables and the responses that are to be used in the optimization. Since the opti-
mizer is tailored for the optimization of composite stiffness matrices, the only design
variables specified in the optimization model are elements of the normalized A and D
matrices, see section 1.1.1, and the associated thicknesses h. The response definition,
effecting the generation of various analysis model outputs, is also a part of the opti-
mization model. Depending on the optimization objective and the constraints to be
met, different kinds of responses are requested. The standard responses, apart from
the aeroelastic ones, are mass, element stresses and displacements. Further details of
the optimization model and its implementation in Nastran will be given in chapter
4.

2.1.3 Sensitivity Analysis

Once all the required input components for the FE analysis are prepared, Nastran
can be invoked, resulting in the generation of response vectors and sensitivity matrices.
Details of the Nastran statements needed to export those are given in section 4.5.

Each aircraft mass case to be included in the optimization and consisting of vari-
able mass contributions like fuel and passenger mass, requires its own Nastran run,
along with a proper definition of the aeroelastic load cases to be analyzed. These load
cases can be divided into symmetric static maneuvers, antisymmetric static rolling
maneuvers and divergence. Nastran computes the trimmed aeroelastic solution and
generates the requested responses and sensitivities, which can be defined separately
for each load case. The same holds for static load cases that do not require aerody-
namic, but static nodal or distributed forces.

2.1.4 Approximation Setup

The most general form of a response approximation as function of the design variables
Aj, Dj, hj is shown in equation (2.1). The sensitivities generated with Nastran are
converted to linear, Ψj, and reciprocal, Φj, sensitivities with respect to the stiffness
matrices, where superscripts m and b denote sensitivities with respect to membrane
and bending stiffness, respectively. αj is the sensitivity with respect to the thickness
design variable:

f̃ =

N∑
j=1

(
Ψ̂j

m∣∣
0

: Âj + Ψ̂j
b∣∣

0
: D̂j + Φj

m
∣∣
0

: Aj
−1 + Φj

b
∣∣
0

: Dj
−1 + αj

∣∣
0
hj

)
+ C0 .

(2.1)
Three important properties characterize the approximation: convexity, separability,
and conservativeness. They will be discussed in more detail in section 5.2.

Knowledge concerning the physical background of the response for which an ap-
proximation has to be generated for, is required to make a reasonable choice of the
linear and reciprocal contributions to the overall approximation. Details on the gen-
eral approximation form, and a discussion on the composition of the structural and
aeroelastic approximations are presented in chapter 5.
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2.1.5 Optimization

Having prepared the response approximations in terms of linear and reciprocal sensi-
tivity matrices for the membrane and bending stiffness matrices, and the sensitivities
with respect to the thicknesses, they are passed along with the responses to the op-
timizer. The minimization of the objective leads to a new set of design variables
that correspond to the optimum solution of the approximation model. The details
of the internal optimization procedure are well described in IJsselmuiden [IJs11]. As
depicted in Figure 2.1, the new set of design variables is passed to the optimization
model to generate new responses and sensitivities for the next approximation model
and optimization step.

Aside from optimizer specific variables like maximum iteration number and re-
sponse damping, an important parameter to be set is the design type, defining either
an optimization with the restriction to balanced, or an optimization with unbalanced
laminates. In both cases, thickness can either be included in the optimization, or not;
the first being essential for optimizations including a mass response.

2.2 Static Aeroelastic Responses

With the focus of this work being on a structural optimization including static aeroe-
lastic responses, the responses considered in the optimization along with a definition
and their impact on aircraft design are described in this section.

2.2.1 Aileron Effectiveness

The control of an aircraft is an important measure in the assessment of its perfor-
mance. Such assessments bundle in the handling qualities experienced by a pilot,
determining on how accurately and fast an aircraft can be navigated. The most
common means used to alter an unaccelerated steady flight motion is to apply aero-
dynamic forces that result in rotational responses about one or more aircraft axes,
denoted as roll, pitch and yawing motions about the x, y, and z axes. Movable trailing
edge control surfaces provide an efficient way of altering the aerodynamic moments
of an aircraft, while keeping the structural complexity low compared to, for example,
a control surface on the leading edge of a wing. As a result of their distance to the
aircraft center of gravity, pitch and yaw motion are usually controlled by the elevator
and rudder control surfaces on the horizontal and vertical tail. Aircraft rolling about
the x-axis is induced using control surfaces on the wing, typically designed as trail-
ing edge devices, i.e. ailerons, or as spoilers on the upper wing surface. The rolling
moment initiating the rotational motion is generated by an antisymmetric deflection
of the ailerons, leading to an antisymmetric force distribution on the right and left
wing.

As a result of the control surface deflection not only the lift force is altered, but
also an additional airfoil moment arises. Both loadings can have a noticeable influence
on the elastic behavior of the wing, depending on its bending and torsional rigidity.
The additional loading in a section when deflecting the aileron is depicted in Figure
2.2. The additional airfoil camber caused by the deflection leads to an additional lift
force. Since most of the additional lift is produced in the vicinity of the flap, hence aft
of the elastic axis, the section will twist nose-down. In response to the reduction of
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Figure 2.2: Aileron deflection and additional loading (red)

the local angle of attack, the local lift decreases accordingly and this reduces the effect
intended by the aileron deflection. The amount of angle of attack change depends on
the torsional stiffness of the wing, represented by a torsional spring in Figure 2.2.

For the following explanation it is essential to distinguish between aerodynamic
twist and structural twist, Figure 2.3. Aerodynamic twist, in the following denoted
as twist, relates to the rotation about an unswept axis, parallel to the global y-axis.
Structural twist on the other hand, in the following denoted as torsion, specifies
the rotation in a wing-related coordinate system, basically aligning with the elastic
axis of the wing. Switching from 2D to the elastic behavior of the entire wing, a

aerodynamic twist
structural twist (torsion)

Figure 2.3: Aerodynamic and structural twist

mechanism exists, which has an essential influence on the resulting forces due to an
aileron deflection. As an answer to the additional lift the wing will bend up and,
depending on the global sweep direction of the elastic axis, the geometric coupling
of bending and twist will lead to a change in twist; a decrease from the wing root
towards the aileron for the swept back wing, and an increase for the swept forward
wing. While the twist decrease in the backward swept wing diminishes the overall
lift and therefore reduces the effect of a downward aileron deflection, the increase in
lift in the case of a forward swept wing supports the aileron deflection by increasing
the lift. It should be mentioned that bending-torsion coupling, enabled for example
by unbalanced laminates, can essentially affect the twisting behavior, but will be
excluded in the current considerations.
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Overall, the increase in lift for a downward deflected aileron is crucially affected
by the elastic properties of the wing structure. For a sweptback, torsionally weak
wing the lift decrease due to angle of attack reduction can surpass the additional
component of the camber increase and hence result in an opposite directed lift force.
This state is called aileron reversal, since the aircraft will roll in the direction opposite
to that intended. Depending on the type of aircraft, certification regulations require
an aircraft will not suffer from aileron reversal within a specified velocity and altitude
range. For passenger type aircraft, the CS-25 regulation [EAS12] asks for reversal
free aileron action within an aeroelastic stability envelope boundary that results from
the regular flight envelope boundary velocity VD/MD multiplied by 1.15. In the
high speed regime, aileron effectiveness degradation tends to be an active constraint,
yielding a lower bound on the torsional flexibility of a swept back wing.

Multiple ways of assessing the aircraft reaction on an aileron deflection exist,
among which are aileron efficiency and aileron effectiveness. Aileron efficiency ex-
presses the ratio of roll rate for the elastic and the, virtually, rigid wing, see Wright et
al. [Wri08]. With increasing bending and torsional stiffness the aileron efficiency ap-
proaches a value of one, while an ineffective aileron has zero efficiency, and a negative
efficiency when aileron reversal occurs.

Aileron effectiveness is computed as the negative ratio of roll coefficient due to
aileron deflection and the roll coefficient due to rolling (roll damping), both for the
elastic wing:

ηail = −Clδ
Clp

. (2.2)

Equation (2.2) can be derived from a consideration of the moment equilibrium for a
steady roll maneuver. The sum of rolling moment due to aileron deflection, Mδ, and
the rolling moment due to rolling, known as roll damping, Mp, has to vanish in a
steady roll motion:

Mδ +Mp = 0 ,

Clδδ(qSrefs) + Clpp
s

V∞
(qSrefs) = 0 ,

−Clδ
Clp

δ =
ps

V∞
, (2.3)

where p is the roll rate, δ the aileron deflection, and s = b/2 the wing semispan.
The expression on the right side of equation (2.3) corresponds to the arc tangent

of the helix angle, outlined in Figure 2.4, being the angle between flight path velocity
V∞ and the wing tip velocity, rotating with a circumferential velocity ps. The aileron
effectiveness is equal to the arc tangent of the helix angle for unit aileron deflection
δ = 1.0.

Due to the vividness of the helix angle and the ability to derive a roll rate p simply
by multiplying ηail with δ V∞s , aileron effectiveness will be the response considered as
the objective or constraint in this work.

2.2.2 Divergence

Divergence is a static aeroelastic instability phenomenon that can have a large influ-
ence on wing design. The aeroelastic flight envelope mentioned in the previous section
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helix angle

Figure 2.4: Helix angle definition

2.2.1 for aileron reversal also applies to divergence, demanding a divergence free air-
craft within the aeroelastic stability envelope. As is the case for aileron effectiveness,
divergence is a result of the finite wing stiffness and can be illustrated using a 2D
section, Figure 2.5.

With the aerodynamic center lying typically in the quarter chord, an increase in
lift force results in an additional, elastic angle of attack θ, which in turn leads to a
further increase in lift force and therefore to an increase in elastic angle of attack.
Depending on the distances of the aerodynamic center to the elastic axis, xac, and
on the torsional stiffness Kθ of the section, either a static equilibrium is obtained, or
the elastic angle of attack θ increases further and further until the structural limit is
reached and the section fails. This is referred to as divergence. The overall lift force
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Figure 2.5: Static rotation of a 2D section

can be expressed in terms of the lift curve slope Clα , dynamic pressure q = ρ
2V

2
∞,

reference chord cref and the overall angle of attack α+ θ as:

L+ Ladd = qcrefClα(α+ θ) . (2.4)

Summing up the moments about the elastic axis yields:

qcrefClα(α+ θ)xac +M0 −Kθθ = 0 , (2.5)
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and after solving for θ:

θ =
M0 + qcrefClααxac
Kθ − qcrefClαxac

, (2.6)

where an aerodynamic center upstream of the elastic axis corresponds to a positive
xac. The airfoil moment about the quarter chord M0 can be treated as a constant in
the linear, incompressible aerodynamic regime. Divergence exists when the denomi-
nator in equation (2.6) becomes zero. Solving for divergence dynamic pressure yields:

qdiv =
Kθ

crefClαxac
. (2.7)

Equation (2.7) states that divergence pressure is influenced mainly by the torsional
stiffness Kθ and the distance between the elastic axis and the aerodynamic center,
xac. Shifting the elastic axis towards the aerodynamic center reduces xac and therefore
helps to increase the divergence pressure. Divergence cannot occur when the elastic
axis lies on, or in front of the aerodynamic center, indicated by a negative xac. In
the latter case, an additional lift force Ladd results in a decrease in the elastic angle
of attack θ and thus a decrease in lift. However, structural restrictions usually limit
the possibility of modifying the position of the elastic axis.

While the above considerations are carried out for a two-dimensional section, the
results can be transferred to an unswept wing, for which no geometric coupling of
bending and torsion is present; ignoring for the time being the coupling mechanisms
arising from unbalanced laminates. Swept back wings usually do not suffer from
divergence problems since geometric coupling of bending and twist, resulting in a
aerodynamic twist reduction, prevails the twist increase by the mechanisms described
for the 2D section. The opposite holds for a forward swept wing, for which geometric
bending-twist coupling adds to the sectional effect and aggravates the divergence
tendency by lowering the critical divergence pressure.

2.2.3 Wing Twist

The elastic wing twist distribution as function of span is an important aeroelastic
parameter for multiple reasons. Resulting from an aerodynamic shape optimization,
an optimum flight shape arises, which produces the least possible drag for the targeted
flight regime. Passenger type aircraft typically spend most of their flight time in a
steady cruise, demanding maximum aerodynamic efficiency for economic transport in
this condition. Since aerodynamic loads and mass forces can have a strong influence on
wing twist in cruise condition, the wing shape without any of the mentioned loadings
will most likely have to feature a different twist distribution. The unloaded shape is
referred to as the jig-shape, Figure 2.6, and corresponds to the built wing shape.

Contrary to divergence and control surface reversal, elastic wing twist is not con-
strained by aircraft regulations. Nevertheless, by virtue of the above mentioned rea-
sons, it is an important characteristic that needs to be considered in the structural
design process for a new aircraft.
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Figure 2.6: Wing in jig (yellow) and deformed (white) shape

2.3 Stacking Sequence Optimization

The optimization process presented in this section is based on the work of Irisarri
et al. [Iri13] and Meddaikar [Med13] and is concerned with the stacking sequence
design of blended composite structures. It constitutes the next step subsequent to
the continuous optimization process depicted in section 2.1, which in turn provides
the required stiffness matrix input and/or sensitivities. In the following a survey
on the functionality of the stacking sequence table optimization will be presented,
noting though that its development was not achieved in the context of this thesis,
however, an interface was established to exchange the required information between
the continuous and the discrete optimization.

To better understand the concept of describing a stacking sequence by means of
a stacking sequence table (SST), the idea of guide-based blending is discussed first.
In a variable stiffness design, usually a finite number of panels exist that comprise
constant stiffness and thus constant stacking sequence. The process of dropping or
adding plies among adjacent panels is denoted blending. Different types of blending
exist, a selection of which is depicted in Figure 2.7. For inner and outer blending, as

(a) inner and outer blending (b) generalized blending

Figure 2.7: Laminate blending (source: [Van11])

shown in Figure 2.7(a), ply dropping is only allowed in a sequential order from outside
to inside or vice versa, for example Adams et al. [Ada04]. Another type of blending as
suggested in Van Campen [Van11] is depicted in Figure 2.7(b). Continuing all layers
from the thinner to the thicker stacking, panel II to I in Figure 2.7(b), is denoted
as generalized blending, while dropping the constraint to continue all plies from the
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thinner to the thicker stack leads to relaxed generalized blending, panel II to III in
Figure 2.7(b).

Both types of blending can be combined with the guide approach. A guide denotes
a stack of single plies, capable of covering at least the thickest panel under considera-
tion. The blending depicted in Figure 2.7(a) can efficiently be described using a guide
and the information of how many plies are dropped from the guide in each panel.
Thus, the stacking sequence is fully described by defining the fiber angles in the guide
along with the information on how many plies are dropped per panel.

2.3.1 Stacking Sequence Table

In order to relax the constraints imposed by dropping only outer plies, a generalized
blending approach, see above, is required. An intuitive way of combining the guide
philosophy with the idea of generalized blending is provided by stacking sequence
tables, as proposed in Irisarri et al. [Iri13]. Starting with the stack featuring the
smallest thickness, plies are added successively until reaching the maximum number
of plies. An SST of a symmetric laminate with ply numbers reaching from 10 to

Table 2.1: Stacking sequence table with minimum of 10 and maximum of 18 plies

Nmin Nmax
10 12 14 16 18

-45 -45 -45 -45 -45 -45 -45 -45 -45

0 0 0 0 0 0 0 0 0

0 0 0 0 0 0 0 0

-45 -45

0 0 0 0 0 0

45 45 45 45 45 45 45 45 45

90 90 90 90 90 90 90 90 90

45 45 45 45

90 90 90 90 90 90 90 90 90

90 90 90 90 90 90 90 90 90

45 45 45

90 90 90 90 90 90 90 90 90

45 45 45 45 45 45 45 45 45

0 0 0 0 0

-45

0 0 0 0 0 0 0

0 0 0 0 0 0 0 0 0

-45 -45 -45 -45 -45 -45 -45 -45 -45

18 is exemplified in table 2.1. In order to maintain symmetry when adding a ply,
an equivalent ply must be introduced in its symmetric position. Accordingly, each
second column in the SST depicted in table 2.1 corresponds to a symmetric layup. If
moreover the laminate is to be balanced, after completing the symmetry of a ply with
angle θ, two additional columns in the SST are used to add a symmetric layer of angle
−θ. Eventually, appointing a stacking sequence from the SST to each structural panel
results in a fully blended structure with the only restriction in generalized blending,
so that all layers in a thinner stack are also part of the thicker stacks. The advantages
of applying SST can be summarized as follows:
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• implementation of ply-dropping guidelines

• definition of stacking sequence guidelines

• explicit specification of ply dropping sequence among adjacent panels

• efficient implementation with genetic algorithms (GA)

All listed items support the requirement of including industrial design guidelines in
the stacking sequences, but also in blending. An elaborate compilation of design
guidelines is provided in Irisarri et al. [Iri13], only the most important of which are
highlighted in the following:

• local guidelines:

1. symmetry : stacking sequence symmetric about mid-plane

2. contiguity : maximum allowed number of consecutive plies featuring the
same fiber angle

3. disorientation: maximum allowed change in fiber angle of consecutive plies

4. covering : no dropping of outermost layers

5. maximum taper slope: minimum stagger distance for dropped plies

6. ply-drop alternation: successive ply drops should be alternating in terms
of distance to mid-plane

• global guidelines:

1. continuity : plies in the thinnest stack continue on in all other thicker stacks

2. ∆n-rule: maximum allowed number of ply drops between two panels

It is in the context of the genetic algorithm applied for stacking sequence optimization,
that the above mentioned design guidelines will need to be incorporated.

The blending between two panels according to the SST in table 2.1, featuring
14 and 10 plies, is demonstrated in Figure 2.8. The resulting taper section length
depends on the stagger distance that is required per ply drop, which in turn is simply
a function of ply thickness. It should be noted however, that stagger distance and
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Figure 2.8: Ply dropping between panels of 14 and 10 plies

taper section, despite being a result of the SST, are usually not considered in the global
finite element analysis model. Nevertheless, they reflect the requirements imposed by
manufacturing considerations.
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2.3.2 Genetic Algorithm

Genetic algorithms (GA) are inspired by the biological evolutionary process and boil
down to the fact that within a group of individuals typically only the fittest succeed in
transferring their presumably superior genotype to subsequent generations. Accord-
ingly, characteristics that allowed an individual to survive and reproduce are carried
on, while weak characteristics die out. The principle of evolution, when transferred to
structural optimization problems, can be used to determine the optimal combination
of design variables that lead to the maximum fitness. While in a biological sense the
fitness is reflected for instance in the ability to run fast or think quick (noting that
the latter most likely won’t help when being chased by a lion, in which case velocity
will win; unless being smart enough to operate the nearby A350 ), fitness in terms
of structural optimization simply corresponds to the objective function that is to be
maximized or minimized.

GA can be considered as the most popular tool applied in composite optimization,
when dealing with discrete variables like fiber angles and ply numbers. A detailed sur-
vey on their application in the context of composite panel optimization was provided
by Venkataraman et al. [Ven99]. Moreover, section 1.3.2 provided some examples
of GA applications in composite wing design related research. The terminology in-
volved in GA is mostly adopted from the biological counterpart, an overview on which
is provided for example by Mitchell [Mit99]. Once having decided no how to encode
the involved design variables, they can be grouped together and form a chromosome.
The set of all chromosomes involved in the optimization is called a genotype. In this
context, encoding designates the way of expressing the design variables in a format
that is suitable for the GA. Most GA initially worked with a binary encoding of the
design variables, owing to the discrete nature, however, also a continuous encoding
can be applied. Given the fact that an individual design is fully described by one
genotype, a GA is initiated with the construction of an initial population of indi-
vidual genotypes. The population size depends on the amount of design variables
involved in the optimization. Each genotype is analyzed and sorted according to its
fitness. The best designs are selected for crossover and mutation, to form the new
generation of genotypes. For crossover, randomly selected parts of the chromosomes
of the two crossing genotypes are exchanged. Mutation denotes random alterations
of chromosome parts in a single genotype, in order to maintain diversity (the chances
are almost impossible, but it might be that also the lion, if living close to a source of
heavy radiation, is capable of flying the A350 ). The new generation is assembled from
new genotypes, but also from the fittest designs of the previous generation. Thus, it
is guaranteed that the overall fitness cannot decrease in advancing generations. Dif-
ferences of the SST-tailored GA with respect to the general description will be, when
applicable, discussed below.

Encoding

A most prominent advantage inherent to stacking sequence tables is the compact and
therefore efficient form of its encoding for a GA optimization using only two chro-
mosomes SSTlam and SSTins. SSTlam defines the stacking sequence of the thickest
laminate, listing its fiber angles. SSTins specifies the sequence by which plies enter
the SST, that are not part of the thinnest laminate. Accordingly, a “0” in SSTins
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indicates a ply that is already part of the thinnest laminate and therefore will be
present in all other stacking sequences. The chromosomes listed in table 2.2 fully

Table 2.2: SST genotype, consisting of three chromosomes

SSTlam [ -45 0 0 -45 0 45 90 45 90 90 45 90 45 0 -45 0 0 -45 ]
SSTins [ 0 0 1 7 3 0 0 5 0 0 6 0 0 4 8 2 0 0 ]
Nstr [ 18 16 17 11 ]

define the SST shown in table 2.1. A third chromosome Nstr in table 2.2 defines the
column of the SST that is to be attributed to the, in this case, four panels to be
blended. In combination, the three chromosomes make up a genotype. As a result of
the symmetry requirement, the genotype can be simplified to the one listed in table
2.3. A great advantage of the presented encoding strategy is the complete decoupling

Table 2.3: SST genotype, exploiting symmetry

SSTlam [ -45 0 0 -45 0 45 90 45 90 ]
SSTins [ 0 0 1 7 3 0 0 5 0 ]
Nstr [ 18 16 17 11 ]

of stacking sequence and thickness distribution in the panels to be blended. Consider-
ably less design restrictions are thus imposed compared to, for instance, inner/outer
blending.

Initialization

The above table fulfills all design guidelines depicted in section 2.3.1. To make sure
that this also holds for the genotypes in the initial population of the GA, a specific
initialization process has to be followed, described in the following and schematized
for the first step in table 2.4. Initialization starts with the generation of a stack
with Nmin plies, which has to fulfill the design guidelines, for instance a maximum
change in fiber angle of ±45◦ in adjacent plies. Then a random position within the
stack is chosen, along with a set of all feasible ply angles that are in agreement with
the guidelines. From the set an angle is picked randomly and added to the SST.
To restore symmetry, in the next step the same ply is added on the corresponding
symmetry position, thus generating another column in the SST. If balance also has to
be preserved, another two-step-cycle is required, if the added layer does not feature 0◦

or 90◦. In the sample shown in table 2.4 a 0◦ ply was added, in which case no further
restoring is required. Irisarri et al. [Iri13] denotes these restoring steps a symmetry
and balance-cycle (SB-cycle). Designing with unbalanced laminates will therefore
only require SB-cycles of length two. The SB-cycles process is continued until it
reaches the maximum amount of plies Nmax, in which case SSTlam and SSTins are
fully defined. The third chromosome Nstr results from randomly picking as many
numbers between Nmin and Nmax as there are panels to blended. The only guideline
to be considered is the ∆n-rule which ensures that only a limited amount of plies can
be dropped among adjacent panels.

From table 2.3 it can be seen that the stacking sequences pointed at by Nstr are not
necessarily symmetric or balanced. Thus, before evaluating the fitness of the genotype,
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Table 2.4: SST initialization, Nmin = 10, symmetry restoring step
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90 90 90
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a chromosome repair is performed, which modifies the infeasible pointers in Nstr to the
nearest feasible neighbor, however, the original genotype remains unchanged, ensuring
that the GA will not be influenced by the repair.

Reproduction

In principle, crossover and mutation are available for both the SST and the thickness
definition Nstr. They are explained to a great extend in the work of [Iri13] and
[Med13] and will therefore only be described briefly here.

Mutation of the chromosome SSTlam comprises the change of a plies±θ (balanced)
or ply θ (unbalanced) within the stacking sequence by randomly selecting from the
admissible set of ply angles at that position. Mutation of the chromosome SSTins
basically corresponds to a random exchange of two SB-cycles. Since the order of plies
is not influenced, but only their appearance within the SST, the only guideline to
be considered is ply drop alternation. The only guideline to be considered in the
mutation of Nstr, where single parts are replaced by randomly generating numbers
between Nmin and Nmax, is the ∆n-rule.

A crossover operation for the SST consists of the selection of plies with the same
length, hence equal numbers in SSTins, from two different genotypes, and a subse-
quent exchange of these sublaminates. Since the operation is prone to the generation
of defects, mostly a violation of the disorientation guideline, a subsequent repair ac-
cording to the technique described for population initialization is applied. Crossover
for Nstr comprises again the random selection of two groups of equal length from two
genotypes and a subsequent exchange. In this case, the SST is checked for accordance
with the ∆n-rule before performing the crossover.

The selection of genotypes that are to be part of the reproduction pool for the
next generation deviates from the regular survival of the fittest methodology, instead,
the following scheme will apply:

1. divide population into feasible and unfeasible designs

2. sort feasible designs according to fitness, and unfeasible designs according to
constraint violation

3. again merge the sorted feasible and unfeasible designs to a single population



38 BASIC CONCEPT 2.3

4. select the first nbest genotypes for reproduction – might involve infeasible designs

5. binary tournament selection out of nbest genotypes: randomly select two and
place in new pool nrepro according to

(a) both feasible: genotype with better fitness placed in nrepro
(b) one feasible: feasible genotype placed in nrepro
(c) no feasible: genotype with lowest failure margin placed in nrepro

Out of nrepro as many crossover operations, obtained by randomly selecting two con-
tributor, are performed as are required to generate a fully populated generation.
Eventually, a mutation according to a specified percentage is performed, finalizing
the new generation.

2.3.3 Successive Approximations and Shepard’s Interpolation

A direct link between the stacking sequence optimization discussed here and the
continuous optimization as outlined in section 2.1 is given by the applicability of the
local response approximations. The reason for this is explained in the following.

When performing a stacking sequence optimization for a wing as optimized pre-
viously using a continuous optimization, a single genotype describes a fully-blended
stacking and thus stiffness distribution. Accordingly, to evaluate the fitness of a
genotype along with the corresponding constraints, a finite element analysis will be
required. Keeping in mind though, that in a regular GA the population size times
the amount of generations that are required to achieve convergence can easily amount
to tens of thousands of function evaluations, it falls into place that a direct FE cal-
culation for each fitness test is not an option, however, as a consequence of stiffness
dependent aeroelastic forces and load redistribution, reanalyzing the structure is in-
evitable. Therefore, it seems obvious to use the same approximation methodology as
applied in the continuous optimization for the GA optimization.

The general principle of the successive approximation method is shown in Figure
2.9. The stacking sequence optimization initiates with the generation of an initial
population and the provision for responses and sensitivities with respect to the pre-
viously evaluated optimal design point, resulting from the continuous optimization.
The derivation of stiffness matrices from the SST is denoted phenotype decoding. The
stiffness matrices, corresponding to the design variables of the continuous optimiza-
tion, are applied in the derivation of the relevant responses including the objective.
The required response approximations will be discussed hereafter. Having evaluated
objective and constraints for all genotypes, reproduction according to the description
given in section 2.3.2 is performed, resulting in the next generation of genotypes.
With this generation the GA loop continues with the next phenotype decoding, and
so forth. Once an initially defined maximum amount of generations is reached, the
GA is stopped to enter the outer loop for the derivation of new responses and sensi-
tivities in the optimal design point resulting from the GA optimization. The GA is
restarted with the last genotype generation and new response approximations.

Meddaikar [Med13] in his work presents a method of reusing previously generated
approximation points to improve the current approximation. It is denoted a modified
Shepard’s method and will be discussed briefly in the following. The method was
suggested in Irisarri et al. [Iri11]. The original method introduced by Shepard [She68]
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0. population initialization:
→ SST 0

GA:
1. phenotype decoding:
→ Â,D̂,h
2. response evaluation based
on approximation:
→ objective and constraints
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1. stiffness implementation:
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Figure 2.9: Schematic overview of a GA stacking sequence optimization in combination
with successive approximations

is denoted an inverse distance weighting interpolation. It considers the influence of
known data points with respect to the point to be interpolated using their inverse
distance. Accordingly, the greater the distance of an unknown point from the known
data points, the less influence it has on the interpolation. For function value u this
can expressed as:

u(x) =

N∑
i=1

wi(x)ui∑N
i=1 wi(x)

, (2.8)

with:

wi(x) =
1

d(x, xi)P
, (2.9)

where xi denote the N known data points, and wi its corresponding weight, based
on the distance measure d. P is a power parameter which can be used to modify the
distance influence. A first application of Shepard’s method in composite optimizations
were shown by Gantovnik et al. [Gan03]. The modified Shepard’s method as suggested
in Irisarri et al. [Iri11] and implemented in Meddaikar [Med13] aims at reusing previous
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function approximations in the construction of a multi-point approximation:

f̃gi (x) =

n∑
i=1

wi(x)f̃ li∑n
i=1 wi(x)

, (2.10)

with:

wi(x) =
1

||x− x(i)||22
. (2.11)

Here n describes the total amount of previous approximations f̃ i that the global
approximation f̃ i will be constructed from. wi(x) is the Euclidian distance between
the actual function evaluation point and the reference point of the ith approximation.
The approximations being expressed in laminate stiffness space rather than a spatial
distance expressible by a length, requires the definition of a laminate stiffness distance.
Irisarri et al. [Iri11] in their paper suggest a distance measure fulfilling the following
requirements:

1. positive inverse weight outside the origin, 1/wi(x) > 0

2. zero inverse weight at the origin, 1/wi(x) = 0

3. differentiable at the origin

which according to Komargodski et al. [Kom06] are required for the interpolation to be
of Hermit-type and thus be exact in value and derivative at the latest approximation
derivation point. According to Irisarri et al. [Iri11], the non-homogeneous distance
between two pairs of membrane and bending stiffness matrices can be expressed as:

dAD(AD1,AD2) =
1

6
(A−1

1 : A2 + A1 : A−1
2 − 6) +

1

54
(D−1

1 : D2 + D1 : D−1
2 − 6).

(2.12)
They also suggest a homogeneous laminate distance definition, which is skipped here.

2.3.4 Response Approximations

Other than the usual direct approximation of strain and buckling, as for instance
seen in [Abd07b], [IJs09], [IJs10], [Dil13c], mostly in combination with a continu-
ous stiffness based optimization, a different method is implemented by Meddaikar
[Med13]. Rather than approximating strain and buckling, an approximation of load
is considered instead:

Ñi =
∑
j

Ψm
i,j : Aj + Ψb

i,j : Dj + C0 . (2.13)

This enables the application of more sophisticated, ply based strain and buckling
failure methods, as compared to the continuous optimization, where inherently no
stacking sequence information is available. For the sake of convenience, the strain and
buckling failure analyses as applied in the continuous optimizations and described in
section 5.6 are implemented, however, based on load approximations.



2.4 SUMMARY 41

2.3.5 Objective Function

A variety of possibilities exist for choosing an appropriate objective function. Given
that the continuous optimization results in sets of membrane and bending stiffnesses,
a meaningful objective can be to match the stiffnesses resulting from laminate blend-
ing with the optimal continuous results. The clear advantage of this approach can
be seen in the possible dispensability of response approximations and thus finite el-
ement analyses are not required for pure stiffness matching. The objective therefore
represents the fastest option to obtain stacking sequences. Stiffness matching can
also be combined with a constrained optimization, in the sense that designs are not
only judged on the basis of fitness, but also feasibility of the design. Meddaikar
[Med13] however, notes that the nearest discrete result is not necessarily the best
discrete design. Hence, many other possible objectives in combination with and with-
out response approximation consideration can be devised, these are, without claim to
completeness, listed in table 2.5.

Table 2.5: Stacking sequence objectives

objective approx. required description

1 A, D matching − matching of membrane and bending stiffness
elements in each design field

2 A, D matching X same as 1, approximations are used for re-
sponse evaluation and feasibility judgment

3 Vi,Wi matching − matching of lamination parameters in each de-
sign field

4 Vi,Wi matching X same as 3, approximations are used for re-
sponse evaluation and feasibility judgment

5 direct optimization X in GA directly optimize for the objective speci-
fied in continuous optimization; from the latter
only the initial approximation point is adopted

The application of the stacking sequence optimization as depicted here will be
demonstrated, along with the problem specific selection of the objective function, in
section 9.6.

2.4 Summary

An overview on the major steps in the optimization process, the types of static aeroe-
lastic responses considered in this work, and an overview on stacking sequence opti-
mization was given. Where applicable, the reader will find more information on each
subtask of the optimization in the appropriate chapters referred to above.
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CHAPTER 3

Parametric Wing Model Generation

“I hear and I forget. I see and I remember. I do and I understand.”

Confucius

Clearly, the finite element model assumes an important part of the optimization
process. It computes the responses and sensitivities that are transformed into re-
sponse approximation, which in turn serve as the only input to the optimizer. The
finite element software Nastran [Moo04] was chosen as solver due to its wide ac-
ceptance and propagation in the aircraft industry. The most prominent reason to
do this is its capability to compute the required sensitivities efficiently for a large
variety of predefined design variables and responses, in combination with coupled,
aero-structural analysis, e.g. trim analysis. Details of the optimization model will be
presented in chapter 4. The generation of a finite element model with shell and beam
elements, based on a parametric approach, is described in the following sections.

The advantage of parametric modeling can be seen in the fast generation and
adoption of the FE model, without having to consider elaborate redesign every time
the influence of a major layout parameter, like planform shape, sweep angle, number
of spars or ribs, is to be examined. To be suitable within an automated design process,
the generation of the parametric model must be able to provide adequate resolution in
span and chord direction of a wing box, including stringer and spar caps, represented
as beams, to exploit the advantages of a shell over a beam model. Such a parametric
process, called ModGen, has been developed at the DLR–Institute of Aeroelasticity ,
see Klimmek [Kli09; Kli12].

The parametric process ModGen is a Fortran program that is available for Linux
and Windows platforms, using a standardized text input file. The input file contains
entries similar to the Bulk Data Section of Nastran. To some extent some entries are
even identical to Nastran. At first, a geometry model of the wing geometry and the
structural entities of the wing is generated, section 3.1, which serves as a basis for the
discretization in finite elements, depending on the specified element types and densi-
ties, section 3.2. The methodology and procedures of accounting for non-structural
masses are described in section 3.3, while details on the, likewise, parametrically
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generated doublet lattice model, which is responsible for the computation of the aero-
dynamic forces, are provided in section 3.4. Details are presented on control surface
modeling, a camber correction method, and the splining method used to transform
forces from the aerodynamic model to the structural model and displacements from
the structural model to the aerodynamic model.

The concept of separate geometry and finite element models supports the paramet-
ric concept. A change in the geometry automatically transfers to the finite element
model, which inherits its shape from the geometry model and does not have to be
adapted manually. This approach allows for fast model generation based on a geom-
etry model of the structural parts of the wing box. Therefor, the slight geometrical
modifications of the structural concept result in comparable structural finite element
models.

3.1 Geometry Model

The general build-up of a modern civil aircraft wing structure was laid out in section
1.3.1. This section deals with the creation of geometric representations of all the
load carrying structural entities of a modern civil aircraft wing, these form the basis
for the generation of the finite element representation illustrated in the following
section. A geometric representation in the platform independent iges format, [US
96], corresponds to a mathematical description, thus allowing for the calculation of,
for example, point coordinates on a surface, or the intersection of surfaces and/or
lines. Curves and surfaces are defined as iges entity type 126, B-spline curve, and
128, B-spline surface, a widely used entity type for parametric curves and surfaces,
e.g. by CATIA and Patran.

In preliminary aircraft design, but also in later, more detailed design stages, the
person in charge of the structural design faces the task of adopting the outer aerody-
namic shape for the creation of the internal structure. The first step in the parametric
wing model generation is therefore the definition of the aerodynamic shape, which can
be achieved by one of the following two methods:

• definition of the wing planform via trapezoid segments, made up of point coor-
dinates for leading and trailing edge position and 2D airfoil coordinates spanned
in-between

• geometry file in iges format, defining the outer wing contour

If the first method is chosen, ModGen constructs a geometric representation of the
outer wing contour in the form of iges surfaces.

Subsequent structural entities will be modeled inside the outer aerodynamic shape.
The wing box is bound by a front and a rear spar, which are defined in the parametric
process via absolute or relative positions with respect to the leading or trailing edge.
These spars can span multiple spanwise wing segments, or be modeled with kinks at
arbitrary positions. The spar definition contains information to set up planes, which
intersect with the wing segment and lead to a B-spline surface, representing the spar
web. The wing outer surface in-between front and rear spar is called a skin. More
spars can be modeled, each one leading to a chordwise division of the skins. Spar cap
geometric entities in the form of line elements are generated automatically along with
the spar definition.
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Figure 3.1: ModGen geometry model with removed top skin

Ribs are modeled in a similar manner. The definition of their position and angle
suffices to constitute planes which intersect with the wing skins and spars, resulting
in bound surfaces. Depending on the number of spars, a rib is further divided into
subribs in chord direction in-between consecutive spars; likewise the subdivision of
spars into subspars by the rib planes. Ribs also further divide the wing skins into
smaller subsegments.

Stringers are generated based on the definition of stringer direction and a stringer
pitch. Again, the planes that can be constructed from these data intersect with the
wing skins to construct the stringers geometric definition as line elements. These lines
are used later on to guarantee a consistent finite element mesh. A geometry model
with removed top skin, as it is generated in ModGen, is shown in Figure 3.1.

This concludes the first part of the parametric definition, which sets up the geo-
metric representation of all major load carrying structural entities. ModGen offers
the possibility to export the geometry model as a whole or in parts to iges format, to
inspect the geometrical model in terms of an error-free setup.

3.2 Finite Element Model

Figure 3.2: Finite element model

Based on the geometry model, the finite element
model is generated in the next step . It is up to
the user to decide which iges surfaces are to be
meshed, since not necessarily every surface or line
entity in the geometry model has to be used for
the finite element model. Wing skin elements, for
example, that are bound by spars and ribs are re-
ferred to as SUBSEGR in ModGen terminology,
each of which featuring a unique identifier. The
identifier is used for the specification of the ele-
ment type, the element properties and the element
distribution in the two spatial dimensions of the
corresponding surface; the denotation of the corresponding ModGen card is BDFOUT.
Elements are by default distributed equidistantly, but also allow user-defined spac-
ings. The fact that properties are assigned when specifying the paneling clarifies that
all elements on the current iges surface will, per default, have the same properties,
and hence stiffness and thickness attributes.

The same procedure applies to ribs and spar webs. The user has to ensure a
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matching number of elements at the intersection of subsurfaces, while ModGen takes
care of equivalencing element nodes that lie within a specified distance from each
other. If stringers are present, the chordwise panel distribution is prescribed by the
stringer pitch. The elements employed for the discretization of the shell-like surfaces
are Nastran CQUAD4 and CTRIA3, where the latter elements are applied solely in the
vicinity of stringers that, due to different sweep angles, end at a spar, to accomplish
the transition; see Figure 3.2

A similar treatment also applies to the stringer and spar cap meshing with one-
dimensional Nastran CBEAM elements. These require the input of longitudinal,
bending and torsional stiffnesses, together with the material to be used and an offset
in case of a defined cross section. Stiffeners in spar webs and ribs are modeled likewise,
but restricted in position, automatically matching the shell element boundaries of the
underlying surface entity.

The derivation of the membrane A and bending stiffness matrix D for a stack of
single layers was described in section 1.1.1. Nastran shell elements allow for two
different ways to define composite stiffness properties. One possibility is the specifi-
cation of a stacking sequence with PCOMP shell element property cards. Each layer
is defined with thickness, angle, and the orthotropic material properties. The mate-
rial properties are defined on MAT8 cards, reflecting the materials Youngs modulus
in fiber direction and perpendicular to it, Poisson ratios, shear moduli, density and
stress/strain allowables. The other possibility comprises the definition of the thickness
normalized stiffness matrices Â and D̂ with MAT2 cards (B̂ = 0 due to symmetry).
The cards are referred to on property cards PSHELL, which among others defines
the shell thickness. Both methods described here can be realized in ModGen, while
only the combination PSHELL/MAT2 with its direct declaration of stiffness matrices
is suitable and essential for the specification and derivation of the necessary design
variables and sensitivities in this work.

3.3 Mass Model

There are basically two important reasons why an accurate mass model is indis-
pensable for the optimization task. One, the load carrying structure that is to be
discretized with the finite element model has to have mass properties for computing
a weight response and sensitivities; it is the material density that relates shell weight
to shell thickness. This requires material density information, which can be specified
on the corresponding Nastran cards, for example, MAT2 for the wing skins. Two, an
accurate static aeroelastic analysis requires an accurate mass distribution because of
its influence on the overall load and displacement distribution. For a steady aeroelas-
tic trim condition the wing is loaded with aerodynamic forces, and the inertial forces
induced by the distributed masses of the wing structure and clustered masses like
engines, actuators, or fuel. Only the sum of both loads needs to be supported by the
wing structure, thus, the releasing contribution of mass should be considered in the
optimization.

In the following two sections the consideration of additional masses and their
attachment via interface models, as well as the generation of a fuel mass model are
discussed.
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3.3.1 Interface Model

The interface model is simply an extension to the finite element model that pro-
vides for additional grid points and their rigid or multi point, weighted connection to
existing grid points of the finite element model. A rigid connection simply links spec-
ified degrees of freedom of the new grid point to the existing ones, while a weighted
connection leads to an averaged displacement of the new grid point, according to the
displacements of the grid points it connects to. The corresponding Nastran elements
are called RBE2 and RBE3. The points to link to in the finite element model are se-
lected on the corresponding ModGen cards. ModGen follows the designers intuition
of introducing loads only at rib planes and offers a variety of possible combinations
for grid point selection in one or more rib planes.

While the rigid RBE2 connection is mainly used for clamping the model at the
root rib, and the attachment of small, rather local point masses to single points in
the finite element model, the weighted connection with RBE3 elements serves as a
junction for larger masses, the influence of which is not limited to a single point.
The latter connection type can be employed for modeling the structural parts that do
not contribute to the wings main stiffness and that are not part of the finite element
representation. This includes masses in front and aft of the load carrying wing box,
integrating the structure of the high lift devices, of flaps, or engine, pylon and landing
gear, to name only a few. At this point, it is rather a lack of trustworthy data than
the capacity to consider it in the finite element model that limits the application.

3.3.2 Fuel Model

Integration of the large portions of the overall fuel in integral tanks in a wing box
is a well approved practice, and it is essential for several reasons. One, the sheer
amount of fuel required for a passenger plane necessitates storage in the wing. Two,
the load releasing inertial effect that counteracts the lift force significantly reduces
wing bending, and hence structural weight, as a result of stress reduction. Three,
decentral storage of fuel in separable integral tanks increases system reliability in the
case of damage to one or more of the integrated tanks. Reason number two is the
driving force behind integrating a fuel mass model in the finite element model.

Figure 3.3: Fuel modeling with CHEXA elements
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Figure 3.4: Fuel model

The parametric process ModGen provides routines to generate such a fuel mass
model. For this purpose, a fuel tank is automatically divided in subparts specified by
the rib-bays, each one reaching from rib to rib and bound in chordwise direction by the
spars. Depending on user-specified filling level and inclination, volume elements that
exactly match the fuel volume are generated, Figure 3.3, and automatically analyzed
in separate Nastran runs, to determine their volume, respectively center of gravity,
and along with fuel density their complete mass and inertia matrix. Finally, not
the volume elements will be part of the finite element model, but rather point mass
elements of Nastran type CONM2 will be used, which obtain their mass properties
from the previous fuel model analysis. The masses are attached to the finite element
model with the multi point connection (RBE3) as described in section 3.3.1. The mass
elements and their attachment via RBE3 elements is depicted in Figure 3.4.

Again, it is rather a lack of accurate data than a lack in modeling ability that limits
the application of detailed fuel burn scenarios in most cases. Therefor, meaningful
assumptions for the spanwise division of the wing fuel tanks in three or fours major
tanks, along with fuel burn sequences need to be conceived for aircraft, where no
related data are accessible or simply does not exist at present.

3.4 Double Lattice Model

It was mentioned in the beginning of this chapter that one reason for picking Nas-
tran is its provision for aerodynamic tools that along with the finite element model
allow for coupled aeroelastic calculations. Depending on the Mach number, different
aerodynamic methods can be applied. The doublet lattice subsonic lifting surface
theory (DLM), see Rodden et al. [Rod04], was chosen as the most suitable for the
present investigations. It belongs to the potential theory methods, where singularities
like sources, vortices or doublets are superimposed with the undisturbed free-stream.
The singularity distribution results from the kinematic boundary condition for the
deformed surface.

The wing planform is discretized with flat trapezoidal panels that are partitioned
into boxes, each of which comprises a control point for a flow tangency reference and
a point, at which the pressure will be calculated. This finally leads to an aerodynamic
influence coefficient matrix (AIC) that relates the pressure in each box to the local
downwash angle of each box. ModGen features input cards to generate the input for
a Nastran doublet lattice model. Following the parametrization approach in Mod-
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outer aileron

inner aileron

Figure 3.5: Doublet lattice model

Gen, the required input links to the geometry model and thus will adapt accordingly.
A typical doublet lattice model that reproduces the wing planform with several panels
is shown in Figure 3.5.

More insight into the derivation of doublet lattice forces and the propagation onto
the structural model will be provided in section 6.1 in conjunction with aero load
corrections.

3.4.1 Control Surfaces

Control surfaces in DLM are modeled just as another flat trapezoidal panel connecting
to the panel representing the fixed wing, with the addition of a coordinate system,
the y-axis of which defines the hinge line for deflections, i.e. rotation axis. The
declaration of a control surface is done with a AESURF card in Nastran. Dedicated
parametrization routines in ModGen allow for linking the flap definition to geometric
entities like spars and fractions of segments, note, Figure 3.5 includes doublet lattice
panels representing an inner and outer aileron.

3.4.2 Camber and Twist Correction

Per default, the doublet lattice model corresponds to the aerodynamic representation
of a flat, untwisted plate. Nastran offers a correction of the downwash angle of
each box with the help of a matrix called W2GJ. This allows for an adaption of the
downwash angles as it comes into existence for a cambered airfoil or a twisted wing.
In the first case, the angle correction corresponds to the chordwise local angle of the
camber line, while in the second case the correction varies only in spanwise direction
according to local twisting. Since airfoil and twist information are essential for the
correction, the matrices can only be generated if the outer aerodynamic shape for the
geometry model is generated with a manual planform definition along with 2D airfoil
coordinates.

More details on correcting the box angles by camber and twist, and its influence
on aerodynamic loading will be provided in section 6.2.1.

3.4.3 Coupling

Bending and mainly twisting of a wing in flight will change the aerodynamic loading
as a result of altered local angles of attack along the span. For this reason, the struc-
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tural and aerodynamic models describing the wing will have to experience equivalent
deformations, if the aerodynamic loading is to predict the real, aeroelastic influence of
the elastic structure Coupling then denotes the linking of deformations of the struc-
tural and aerodynamic grid points. In Nastran the deformation interpolation is
denoted splining, and basically two types of splines are available, beam splines and
surface splines. Due to the surface-like extension of the shell FE model, as opposed
to a beam model, the latter spline type is adopted; details on which can be found in
Harder et al. [Har72]. The splining matrix that results from these considerations can
be used to transfer deformations from the structural to the aerodynamic mesh, and
in a transposed version to transform the aerodynamic forces to the structural points.
Details will be provided in section 6.1.

The parametric process ModGen automatically generates the required Nastran
input, while assuming that the structural nodes used for coupling will consist of all
rib grid points that intersect with the upper skin of the wing box. These nodes are
gathered on a Nastran SET1 card. As many SPLINE1 cards will be generated
as there are panels in the doublet lattice model, linking each to the entire set of
structural interpolation nodes. Investigations have shown that a less dense and more

load reference axis

Figure 3.6: Load reference axis coupling

distributed spline node allocation can be favorable in terms of the “smoothness” of
the loads that are interpolated to the structure nodes. For this reason, the ModGen
capability of modeling a load reference axis (LRA) was adapted. The LRA basically
consists of a virtual axis in spanwise direction that is marked by grid points in each
rib plane. The grid points are attached with RBE3 multi point connections to the
corresponding circumferential rib nodes. Each rib comprises two RBE2 rigid elements,
one extending to the leading edge of the underlying planform and one to the trailing
edge. This guarantees a full coverage of the aerodynamic surface with points belonging
to the structural model. The principle is shown in Figure 3.6.

The set of structural nodes that are used for coupling consists of the nodes on the
load reference axis and the nodes on the RBE2 rigid body elements. Aerodynamic
loads transferred to the points on the RBE2 will be distributed by the corresponding
RBE3 element over the entire rib.
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3.5 Summary

The generation of a Nastran aeroelastic finite element model by means of the
parametrized preprocessor ModGen was described in detail. More background on
individual adaptions of the process for the modeled test cases will be given in the
associated chapters.

The parametric process ModGen allows for the generation of a Nastran input
deck containing the basic design variable and response definitions to perform opti-
mizations with the algorithms provided by Nastran, however, the development of
a new optimization strategy with a problem tailored stiffness optimization necessi-
tates the specification of a problem tailored optimization model, the development and
disposition of which will be described in the following chapter.
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CHAPTER 4

Optimization Model Setup

“Make everything as simple as possible, but not simpler.”

Albert Einstein

Seen in the context that the number of design variables in a stiffness optimization
can be in the range of thousands and the number of responses in the range of tens
of thousands, obtaining the sensitivities of all responses with respect to all design
variables is a non-trivial task. With the dimensions of the sensitivity matrix being
equal to the product of number of responses and design variables, the sensitivity
matrix might easily comprise several million entries. It is therefore unquestionable
that an efficient method to compute the required sensitivities in a limited amount of
time is indispensable. Nastran is well suited to adopt to this task, which is why in
this chapter solver specific input definitions are addressed.

The concept of design fields comprising identical structural properties is intro-
duced in section 4.1. Details on the terminology required to define design variables
and responses are presented in section 4.2 and 4.3, then how Nastran computes sen-
sitivities is briefly discussed in section 4.4. Given the large amount of responses and
sensitivities to be generated, bookkeeping and exporting those to files is an important
issue, and discussed in section 4.5.

4.1 Design Fields

The concept of a design field comprises a grouping of shell elements within the finite
element structure that will share the same stiffness properties, defined by normalized
stiffness matrices of a symmetric layup Â and D̂ and a thickness ĥ. Design fields can
be generated for all structural entities that are represented by shell elements, hence
wing skins, shear webs and ribs. In most cases it will be meaningful to not overlap
a design field between structural entities, while within a structural entity, like the
upper wing skin, at first no limitation exist on how to group the elements.

While it is possible to choose freely the element resolution in each entity of the
finite element model via an appropriate ModGen parametrization, certain limitations
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are entailed by the responses that are to be extracted from the model. The imposed
buckling constraint requires a buckling field to be represented by a single shell element,
details on which will be presented in section 5.6.2. Since a buckling field in the wing
skins is usually bound by two ribs in spanwise and two stringers in chordwise direction,
the element resolution is prescribed accordingly.

The question of how to group shell elements into design fields is influenced by
multiple factors. Within a design field consisting of several elements that all comprise
the same thickness and stiffness properties, there will usually be only a limited amount
of elements with active sizing constraints, while the remaining elements are not fully
loaded. Sizing constraints in this respect refer to strain and buckling failure and will
be discussed in more detail in section 5.6. Elements not being fully loaded is a result
of gradually changing loads throughout the entire wing and eventually implies that
they could have been thinner and therefore lighter in case they would not adopt the
stiffness of the sizing elements within the design field. Thus, augmenting the stiffness
resolution by increasing the amount of fields in spanwise and chordwise direction leads
to a finer gradation of the stiffness parameters and an increased design space. A high
design field resolution in particular helps in the case of local force transmissions like
engine and landing gear attachment along with the corresponding load cases that are
considered in the optimization.

A prominent downside of increasing the design field number and therefore design
variable number and design space is the computational power required to solve for
the minimum within the approximated analysis model. Moreover, the real, non-
convex design space will most likely feature more local minima. Eventually, the
production technology and in particular the layup process might stipulate a minimum
and maximum field size comprising constant properties, in which case it will be most
reasonable to stay within these preset bounds.

A possible design field distribution with 34 fields per wing skin is exemplified in
Figure 4.1.

Figure 4.1: Design fields

4.1.1 Subdivision of Structural Entities

In order to divide the structural entities selected for the optimization into design
fields, a multi-step methodology was developed in which in the first step the shell
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element topology is evaluated. The goal is to generate a map of all elements belonging
to an entity, e.g. the upper wing skin, that clarifies the relative position of each
element with respect to all neighboring elements. Despite the fact that in this work
only finite element models emanating from ModGen were adopted, this step allows
for a straightforward consideration of Nastran finite element models that are not
necessarily generated with ModGen. Moreover, the element topology in ModGen
might vary likewise, meaning that no strict element ordering can be assumed.

To construct the element map, elements belonging to the entity must be detected,
along with the corresponding Nastran specific element definition. The mapping
algorithm relies on the fact that all elements in the entity under consideration possess
equally directed element normals. The connection table that defines the corner points
of an element is employed to detect elements connecting to its three or four edges.
Independent of the element numbering the reordering results in a map displaying the
relative position of each element. Such a map is shown in Figure 4.2, where each black
square represents a three- or four-sided element. The map belongs to the upper skin
depicted in Figure 4.1. Once the map is generated, elements can easily be grouped
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Figure 4.2: Design field map

into fields by defining desired spanwise and chordwise partitions, indicated by the
red lines in Figure 4.2. It was mentioned in section 4.1 that the chordwise element
distribution is prescribed by the stringer pitch, while in spanwise direction elements
are limited by ribs. With a constant stringer pitch and an equidistant rib distribution,
choosing a constant amount of elements in chordwise and spanwise direction for each
field results in nearly equal design field areas. The sample in Figure 4.2 for instance
features four spanwise elements in the wing root area and three elements in the outer
wing to capture a higher resolution in the aeroelastically important outer wing. As a
result of the chosen partitioning concept, design fields at chordwise boundaries might
arise that only consist of very few elements. It is therefore possible to join such
fields to adjacent ones. In Figure 4.2 for example the design field including elements
[20, 15] and [21, 15], numbers in brackets indicating spanwise and chordwise panel row
respectively, will be joined to the chordwise neighbor.
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Each design study presented in part II will feature its own optimization model
with the corresponding reasoning for the chosen design field distribution.

4.2 Design Variable Definition

Property cards are employed in Nastran to specify the structural characteristics of
a finite element. Shell elements obtain their properties usually from a PSHELL card,
which specifies the shell thickness and points to cards that specify the material prop-
erties. In the case of orthotropic fiber composite, the thickness normalized membrane,
coupling and bending stiffness matrices Â, B̂, D̂, see section 1.1.2, are specified via
MAT2 material cards. For symmetric laminates the coupling matrix might be omitted.

As described in section 3.2, the smallest entity of elements featuring the same
stiffness properties in ModGen are elements belonging to one iges surface. This
means that, for example, all skin elements bound by two ribs and two spars (iges
surface denoted as SUBSEGR), will feature equivalent stiffness properties. Grouping
shell elements in design fields however implies a need to allocate the same properties
for all of them, which is why for each field a new unique set of stiffness matrices is
induced.

By default, ModGen generates a single Nastran PSHELL card for every shell
element. Therefore, the property cards of elements belonging to a design field have to
be rewritten to point to the correct, newly appointed set of stiffness matrices. Other
than a unique set of stiffness matrices for each design field, each element retains its
own PSHELL card and therefore a distinct shell thickness definition. A common design
field thickness is accomplished by appointing one common design variable for all shell
thicknesses in a design field; details on which are given below.

The specification of a design variable (DV) in Nastran is arranged on two cards.
The DESVAR card is used to create the variable and set an initial value and a label,
while the second card, DVPREL1 or DVMREL1, links the design variable to a field on
the property or material card that is to be modified. The two types are shown in
Figure 4.3. In order to link the thickness of shell elements belonging to a common

DESVAR DVPREL1 PSHELL
ID, label ID, field

DVPREL1 PSHELL

DVPREL1 PSHELL

DESVAR DMMREL1 MAT2
ID, label ID, field

Figure 4.3: Design variable definition in Nastran



4.3 RESPONSE DEFINITION 57

design field to a single design variable, the corresponding DVPREL1 cards have to
address the same DESVAR card, which then simultaneously alters the thickness of all
those elements. The unique label on the design variable definition card is composed
of the letter T or M, for thickness or material DV respectively, followed by the design
variable ID.

With the stiffness properties of a design field being entirely covered by the speci-
fication of Â, D̂, h and a single stiffness matrix being defined by six entries, in total
thirteen design variables are required per design field in Nastran.

4.3 Response Definition

The consideration of structural responses and sensitivities derived from the finite
element model is a key feature, making Nastran the appropriate tool for generating
the essential input to the stiffness optimization process. Two possibilities exist to
specify responses in Nastran. The definition of structural responses is accomplished
with the specification of DRESP1 cards, while DRESP2 cards are appropriate for the
functional combination of structural responses into new ones.

Stress

In section 5.6 there will be a discussion of how strain and buckling responses are
derived, knowledge of the element stress responses is sufficient for this purpose. Hence,
the first type of response that is asked for with the DRESP1 card is stress. Each shell
element that is part of a design field is considered for six different types of stress
responses, requiring six DRESP1 cards, each with the response type identifier STRESS.

Table 4.1: Stress responses per element with DRESP1

type distance item code
σx z1 3
σy z1 4
τxy z1 5
σx z2 11
σy z2 12
τxy z2 13

As listed in table 4.1, three stresses at the top (z1) and three stresses at the bottom
(z2), seen in shell thickness direction, are asked for, along with the Nastran specific
item code that is required on the DRESP1 card. The identification of the property
card to be considered for stress output is achieved by the specification of property card
type and ID. It is important to note that Nastran per default outputs stresses in
the element coordinate system. Only when specifying the parameter “PARAM OMID
yes”, will the stress output be provided in the material coordinate system. This is
important for the failure and buckling index analysis, discussed in sections 5.6.1 and
5.6.2. Each response is associated with a unique ID and a label, composed of the ID
preceded by the letter S.
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Weight

The weight response is activated with a DRESP1 card exhibiting the response type
identifier WEIGHT, a unique ID and a label.

Twist

Aeroelastic responses that can be specified with a DRESP1 card are twist and diver-
gence. Twist simply belongs to the displacement responses that are evoked with the
DISP keyword, along with the specification of a grid node for which the deformation
is to be recovered and the degree of freedom to be monitored. The central grid points
belonging to the load reference axis, see section 3.4.3, are a meaningful choice for the
points to be monitored. Their displacement is a weighted average of the displacements
of all circumferential grid points in the corresponding rib. An important choice has
to be made when deciding about the twist to be monitored. Nastran allows for the
specification of a displacement coordinate system, independently for each grid point,
that is also devoted for the response output. As stated in Weisshaar [Wei98], the
twist around the global unswept y-axis, rather than the twist around the elastic axis
of a swept wing, is responsible for the lift distribution and therefore for the induced
drag of the wing. Accordingly, the global coordinate system was chosen as the dis-
placement coordinate system for the nodes belonging to the load reference axis. The
twist response is set to be the rotation about the y-axis, see Figure 4.4.

load reference axis grid points

y
global

z

x

Figure 4.4: Twist response definition

Divergence

A divergence response is triggered with the DIVERG keyword on the DRESP1 card.
It requires the specification of a divergence analysis with the DIVERG card, which in
turn necessitates an eigenvalue analysis with an EIGC card. The eigenvalue analysis
requires the specification of number of roots to be calculated, while the divergence
analysis only asks for the Mach numbers at which the divergence analysis is to be
performed. Unfortunately, the divergence analysis in combination with the derivation
of responses and sensitivities does not allow for the specification of several, but only
one Mach number per Nastran run. This is a know issue which will hopefully be
fixed in a future Nastran release.
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Aileron Effectiveness

Aileron effectiveness is the only response that is generated with the help of a DRESP2
card, hence a combination of responses originating from two DRESP1 outputs. The
computation of aileron effectiveness was laid out in section 2.2.1. The equation is
repeated here for ease of reading:

ηail = −Clδ
Clp

. (4.1)

Nastran can compute responses for Clδ and Clp with the keyword STABDER on
the DERSP1 card, where for the roll coefficient due to aileron deflection, Clδ , the
corresponding DRESP1 card is linked to the ID of the aileron, defined with an AESURF
card. For the computation of the roll coefficient due to rolling, Clp , the corresponding
DRESP1 links to the roll degree of freedom of the entire model, defined with an
AESTAT card. Having prepared the two necessary responses with DRESP1, they can
be combined on a DRESP2 card by pointing to DEQATN, which simply defines the
functional relation according to equation (4.1). Finally, with the help of the DRESP2
entry the response and sensitivity for a quantity that is not directly accessible with
a DRESP1 card, like aileron effectiveness, can be obtained, greatly improving the
flexibility of the finite element software.

4.4 Finite Element Sensitivity Analysis

Aside from the analysis and the optimization model, the specification of appropriate
load cases is indispensable for performing the response and sensitivity derivation with
Nastran. This section will briefly exemplify the way Nastran computes its sensi-
tivities. Details on particular sizing load cases in the optimization will be provided
in the appropriate examples in part II of this work.

The design optimization solution sequences is accessed with the executive control
statement SOL 200. To attain a halt after the generation of responses and sensi-
tivities, Nastran offers a card DSAPRT that controls the design sensitivity output
sequence. Setting the parameter END=SENS stops the calculation at the desired point.

Different ways to obtain sensitivities exist, among which, depending on the type of
response, Nastran applies a direct sensitivity method or an adjoint method, [Moo04].
Both methods start by defining the response as function of the displacement solution
u and the design variable vector x. The partial differentiation of the response with
respect to a design variable x becomes:

f = f(u,x) , (4.2)

∂f

∂x
=

∂f

∂u

∂u

∂x
. (4.3)

Deriving the static equilibrium equation Ku = f , e.g. Zienkiewicz et al. [Zie00] –
f denoting the load vector – with respect to a design variable x leads to:

K
∂u

∂x
=
∂f

∂x
− ∂K

∂x
u , (4.4)
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where the right hand side is denoted as pseudo load vector fpl. Solving equation (4.4)
for ∂u

∂x and replacing in equation (4.3) leads to the adjoint equation for the calculation
of the sensitivity with respect to x:

λT =
∂f

∂u
K−1 , (4.5)

∂f

∂x
= λT fpl . (4.6)

The direct sensitivity method applies a forward finite difference step to derive the
response sensitivity:

∂f

∂x
≈ f(u + ∆u,x + ∆x)− f(u,x)

∆x
. (4.7)

The differential displacement vector ∆u is evaluated from the pseudo load equation
(4.4), in which the derivative of load vector f and stiffness matrix K with respect to the
design variable x are calculated with forward (default) or central finite differencing.

4.5 Output Definition

A standard method for accessing Nastran results is the consolidation of the standard
f06 output file, where user defined vectors and matrices generated during a Nastran
run are saved to in ASCII format. However, when facing large models, a large number
of design variables or responses, or the combination of both, the output file size grows
substantially and importing into another software becomes increasingly tedious and
inefficient. Furthermore, not all data can be exported to the standard output. For
this reason, Nastran provides the possibility to interfere with its internal solution
sequence by means of so-called “alters”. The Nastran programming language is
called DMAP (linguistic family: klingon), Raymond [Ray04], and so are DMAP alters.
This language allows for inserting additional commands which amongst others can
evoke the export of a matrix during the execution of a Nastran solution module.
It is up to the user to find the right SUBDMAP module and the right position within
the module where to insert the additional DMAP statements that perform the desired
action.

Several alters were generated, which will be described in more detail in the follow-
ing sections. The alters have in common that they export the corresponding vectors,
matrices and tables to external files. They will be provided in Nastran-specific out-
put formats op4 and op2, where op4 applies mainly for vectors and matrices, and
op2 in case of tables. Specifications of the output format can be found in [Ray04].

4.5.1 Sensitivities and Responses

For an optimization model consisting of n design variables and m responses, the
sensitivity matrix comprises n ∗ m elements. With characteristic quantities of 80
design fields and 10, 000 responses this amounts to 80 ∗ 13 ∗ 10, 000 = 10.4e6 entries.
No doubt, an efficient method for importing the responses and sensitivities can help
to speed up the process of generating the required optimizer input.
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This is accomplished by exporting the design sensitivity matrix DSCM2 and the
response vectors R1VALRG and R2VALRG, as evoked with the DRESP1 and DRESP2
cards. The alter commands required in the Nastran file management section and
the executive control section are listed in appendix A.1. The module to which the
required code modifications are added is called EXITOPT. Both, matrix and vectors
are exported in binary op4 format, the reason being a substantial reduction in file
size for large sensitivity matrices and a considerable reduction of the time required to
import in subsequent routines.

Along with the sensitivity matrix DSCM2, the alter exports a table called
DSCMCOL, which provides a list that correlates each response to the corresponding
column in the sensitivity matrix. This information is of utmost importance when it
comes to optimizations with different response types and multiple load cases. The
table is written in binary op2 format and a detailed description of its content is
given in [Moo04]. Basically, DRESP1 responses are sorted first by load case, inside a
load case by response type (weight, stress, twist and so on) and inside response type
by the response identification number (ID). DRESP2 responses are added to the end
and sorted by response ID.

4.5.2 Aerodynamics

This alter is threefold, performing the export of the trim variables, the DLM box
displacements and forces, and the export of the aerodynamic forces at the splining
points. The reason for gathering the above into one alter is simply the fact that all
corresponding matrices are generated in the module AESTATRS, which is why the
required export commands can be combined into one compile statement. The alter is
listed in appendix A.2.

DLM Forces at Grid Points

The extraction of aerodynamic loads calculated with the Nastran doublet lattice
method in a static aeroelastic analysis is an essential premise to perform a correction of
low-fidelity DLM with higher order CFD, as will be described in chapter 6. Moreover,
visualizing the aerodynamic forces at the splining points greatly facilitates the quality
assessment of the selected splining method and splining points.

The alter generates and exports three different load sets for each static aeroelastic
analysis performed in a Nastran run. The first set PRG corresponds to the aero-
dynamic loads generated by DLM and splined to the structure coupling points for a
virtually rigid structure, hence without the influence of flexibility on the aerodynamic
loads. The second set PRGPERG corresponds to the first set plus the altered loads as
they arise from the wing flexibility. This set correlates to the real aerodynamic loads
as they are experienced by the flexible structure. The third set, AIPG, combines all
loads acting on the grid points, flexible aerodynamic loads plus inertial loads. Despite
that for the first two sets only the grid points belonging to the coupling points will
have non-zero loads, the alter exports matrices in dimensions corresponding to all
grid points.
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DLM Forces at Box Centers

Other than the previous load sets, the matrices exported with this part of the alter
refer to the pure aerodynamic forces and displacements of the doublet lattice model,
rather than forces splined to the structure. It will provide values for each aerodynamic
box. The vector UKTOTAL contains values of the z-displacement and local angle of
incidence change for each DLM box, which are the sole degrees of freedom. The vector
FFAJ comprises the absolute pressure difference. Results are provided for each static
aeroelastic analysis during the Nastran run.

Trim Variables

The trim variable vector contains all free and fixed aerodynamic degrees of freedom,
like angle of attack, z-axis acceleration, roll acceleration and aileron deflections, and is
called UX in the corresponding module. It is provided for each static aeroelastic anal-
ysis performed in a Nastran run. Again, the data that are essential in association
with the CFD correction process, are described in chapter 6.

4.5.3 Displacements

This alter, listed in appendix A.3, exports the deformation vectors for all grid points
and all trim load cases. It serves for result visualization, but more importantly,
again as an input to the CFD correction process. The corresponding module is called
SEDRCVR and the vector UG.

4.5.4 Correcting Alters

During development of the optimization process, going along with an increase in
functionality by broadening for example the response type range or the allowance
for multiple but dissimilar load case types, some Nastran errors arose, which could
partly be solved with two additional correcting alters. The first alter, listed in ap-
pendix A.4.1, corrects an error in the DSCM2 sensitivity matrix sequence. It is crucial
for the correlation of the DSCMCOL table, which is supposed to provide the column
order within DSCM2, and the DSCM2 itself. The second alter, listed in appendix A.4.2,
is required when mixing different boundary conditions in multiple load cases.

No solution could be found for example for the response and sensitivity calculation
of several divergence Mach numbers within a single Nastran run. For this reason, the
application is limited to a single divergence response per Nastran run; considering
more than one Mach number will require a separate Nastran execution for each of
them.

4.6 Summary

This concludes the description of the optimization model, consisting mainly of the
definition of design fields, specification of design variables and responses, and the
preparation of suitable data export routines. Once the responses and sensitivities are
prepared, the assembly of the approximation model can be arranged, as discussed in
chapter 5.



CHAPTER 5

Response Approximation Formulation

“That’s the secret to life... replace one worry with another.”

Charles M. Schulz

The application of a gradient based optimization method for the stiffness opti-
mization is motivated by the fact that evaluating responses using subsequent analysis
runs is very time consuming, and also does not yield an indication of how to alter the
design variables in the search for an optimum of the objective function that meets all
constraints. For this reason, replacing the analysis model with one that approximates
the behavior of the real responses as function of the design variables can significantly
reduce computational costs.

The design variables for the stiffness optimization consist of the thickness normal-
ized membrane and bending stiffness matrices, Â and D̂, along with the laminate
thickness h. Having derived, see chapter 4, the information on how much each re-
sponse changes as a function of those design variables, there is sufficient information
to construct a linear approximation model about the design point. After a brief in-
troduction to approximation techniques in section 5.1, an improved approximation
formulation, tailored for the application in a stiffness optimization is described in
section 5.2.

The sensitivity matrix supplied by Nastran requires reordering and initializing
steps to transform it into a suitable configuration for the approximation derivation;
these steps are explained in section 5.3. The beneficial contribution of reciprocal parts
in an approximation, introduced in section 5.2, is limited by the requirement of its
convexity. A method to maximize the reciprocal contribution to an approximation is
presented in section 5.4, and the setup of the structural and aeroelastic approximations
used in this research are described in sections 5.6 and 5.7, respectively.

5.1 Approximation Methods in Structural Optimization

A structural optimization problem can generally be described as a search for the
global minimum of an objective function f0(x) while complying with the constraints
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fi(x). In equation (5.1) n = 1 . . . i denotes the number of responses, and m = 1 . . . j
the number of design variables with a lower xLj and an upper limit xUj :

min f0(x) ,

fi(x) ≤ fi|max , (5.1)

xLj ≤ xj ≤ xUj .

Since the functional relation of objective and constraints with respect to the design
variables x is typically not known explicitly, numerical schemes are applied in the
search for the optimal solution to equation (5.1).

Among those schemes, approximation methods are widely used in structural op-
timization problems. They can be grouped into problem and function approximation
problems, where the latter deal with an approximation of the responses involved in
the optimization problem, [IJs11]. The approximation type used in this research
corresponds to locally applicable function approximations. Local in this respect iden-
tifies the validity of the approximation in the vicinity of the current design point,
in contrast to globally applicable function approximations, such as response surface
methods. The local function approximation generates an optimization subproblem of
the form:

min f̃0(x) ,

f̃i(x) ≤ fi|max , (5.2)

xLj ≤ xj ≤ xUj ,

where the tilde-superscript denotes an approximation. Solving the optimization prob-
lem (5.2) results in new design variables and hence a new design point. According to
equation (5.3) the optimization is stopped when the change of the objective function
f0 in subsequent, feasible iterations (l) drops below a specified threshold δstop:∣∣∣∣∣ f̃0

∣∣
(l+1)

− f̃0

∣∣
(l)

f̃0

∣∣
(l)

∣∣∣∣∣ ≤ δstop . (5.3)

If the convergence criterion is not met, an approximation model is generated at the
new design point. The process is repeated till convergence of the objective function
is reached. General information on the application of approximations in optimization
can be found in Haftka et al. [Haf92].

5.2 General Approximation Form

The most common type of a local approximation is a Taylor series expansion of the
response function about the approximation point x0. Due to the computational costs
for the evaluation of higher order terms, the series is usually expanded only up to the
linear part, resulting in an error of order ∆x2:

f̃ = f(x0) +

N∑
j=1

∂f

∂xj

∣∣∣∣
0

(xj − x0j) +O(∆x2) . (5.4)
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Two modifications to the Taylor expansion in equation (5.4) are implemented to
obtain the general approximation form, introduced in section 2.1.4. One modification
is to adapt the design variables employed in this work, namely stiffness matrices Â
and D̂, as well as the thickness h. The second modification is to use, aside from
the regular linear approximation, reciprocal contributions in terms of the stiffness
matrices. The equation is repeated here for the sake of continuity:

f̃ =

N∑
j=1

(
Ψ̂j

m∣∣
0

: Âj + Ψ̂j
b∣∣

0
: D̂j + Φj

m
∣∣
0

: Aj
−1 + Φj

b
∣∣
0

: Dj
−1 + αj

∣∣
0
hj

)
+ C0 .

(5.5)
Equation (5.5), a detailed derivation of which is described in [IJs11], constitutes the
most general approximation form. The linear and reciprocal sensitivities with respect
to membrane and bending stiffness are abbreviated as follows:

Ψm =
∂f

∂A
, (5.6)

Ψb =
∂f

∂D
, (5.7)

Φm =
∂f

∂A−1
, (5.8)

Φb =
∂f

∂D−1
, (5.9)

α =
∂f

∂h
. (5.10)

To increase approximation accuracy, a combination of linear and reciprocal ex-
pansion with respect to the stiffness matrices is applied, however, an approximation
will not necessarily have contributions from all parts at once, but only the ones that
presumably yield the most accurate reflection of the real response.

In equation (5.5) N is the number of design fields featuring independent structural
properties, and C0 is a constant, depending on the design point. When preparing ap-
proximations for the optimization routine, C0 does not have to be considered since
the optimizer can compute it based on the response value at the design point. The “:”
matrix operation, known as matrix contraction, corresponds to a regular matrix mul-
tiplication and subsequent summation of the diagonal elements; albeit the equation is
set up with thickness normalized laminate sensitivities in the linear approximations,
sensitivity matrices (Ψ, Φ) are supplied to the optimizer in terms of the regular
stiffness matrices.

The most prominent characteristics of the general approximation in equation (5.5)
are convexity, separability and conservativeness, each of which will be discussed be-
low.
Convexity of the approximation must be ensured by the choice of sensitivities con-
tributing to it. Convexity is essential for the existence of a global optimum in the
approximated model. While linear contributions are convex per definition, convexity
of the reciprocal part is not necessarily the case. One possible way of dealing with
non-convex approximations will be discussed in section 5.4.
Separability of the design variables is inherent in the formulation of the approxima-
tion, meaning that the response function is constructed only from linear combinations
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of linear and reciprocal design variables. Separability allows for an independent con-
sideration of each design variable set j in equation (5.5) and thus an efficient, parallel
processing objective minimization.
Conservativeness ensures that the approximated response is always larger than the
real response at the new design optimum of the approximation model. Conservative-
ness is taken care of within the optimization algorithm.
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Figure 5.1: Function approximation

The approximation characteristics can be illustrated by means of a one-dimen-
sional function as shown in Figure 5.1, where x is a (design) variable and f is a
(response) function of x. The linear, reciprocal, and linear+reciprocal approximations
are shown and compared to the real function value f . All three approximations are
either convex or indetermined, but not concave. This will guarantee the existence
of a minimum. The approximations not being conservative is indicated by the fact
that the function values are always smaller than the real one. Therefore, a damping
term is added to increase conservativeness; indicated by the dashed lines in Figure
5.1. The more damping that is added, the closer the approximation minimum shifts
towards the approximation point and more iteration steps are necessary to reach
the optimum. The optimizer applied in this work is able to adapt the degree of
conservativeness throughout the iterations for each response by varying the amount
of damping. While the damping term is not considered in equation (5.5), the reader
is referred to [IJs11] for further details.

Since a reciprocal approximation is not necessarily convex, but since convexity is
a necessity for the existence of a global optimum within the approximation model,
reciprocal terms can not be applied in general. Depending on the type of response to
be approximated, physical insight is required when setting up the approximation. If
convexity of the reciprocal term can not be guaranteed, a convexification process as
described in section 5.4 can be applied. In the following section 5.3 details of some
necessary Nastran sensitivity preprocessing steps required for the approximation
setup will be given.



5.4 SENSITIVITY PROCESSING 67

5.3 Sensitivity Processing

The stiffness modeling with thickness normalized stiffness matrices Â and D̂ by means
of MAT2 cards was discussed in section 3.2, the specification of each element of Â and
D̂, and h as design variables was shown in section 4.2. Requiring six design variables
for the definition of a stiffness matrix and one for the thickness results in thirteen
DV per design field. Hence, the number of rows in the exported Nastran DSCM2
design sensitivity matrix amounts to thirteen times the number of considered design
fields. The number of columns in the sensitivity matrix corresponds to the number
of responses requested with DRESP1 and DRESP2 cards, compare section 4.3.

The first step when generating response approximations consists of grouping the
sensitivities into matrices corresponding to the layout of the stiffness matrices. This
is done for every response f in the sensitivity matrix, according to equation (5.11):

∂f

∂Â
=


∂f

∂Â11

∂f

2∂Â12

∂f

2∂Â13

∂f

2∂Â21

∂f

∂Â22

∂f

2∂Â23

∂f

2∂Â31

∂f

2∂Â32

∂f

∂Â33

 ,
∂f

∂D̂
=


∂f

∂D̂11

∂f

2∂D̂12

∂f

2∂D̂13

∂f

2∂D̂21

∂f

∂D̂22

∂f

2∂D̂23

∂f

2∂D̂31

∂f

2∂D̂32

∂f

∂D̂33

 . (5.11)

The design variables in Nastran are thickness normalized stiffness matrix el-
ements and need to be transformed from normalized to absolute stiffnesses before
generating approximations, (Â, D̂, ĥ) → (A, D, h), where ĥ = h. For a response

f , Nastran sensitivities based on (Â, D̂, ĥ) have to be rewritten according to the
dependencies given in equations (1.27):

∂f

∂A
=

∂f

∂Â

1

ĥ
, (5.12)

∂f

∂D
=

∂f

∂D̂

12

ĥ3
, (5.13)

∂f

∂h
=

∂f

∂Â
(− 1

ĥ2
) : A +

∂f

∂D̂
(−36

ĥ4
) : D +

∂f

∂ĥ
. (5.14)

The general response approximation embeds linear and reciprocal sensitivities, see
section 5.2, and accordingly requires the following conversion:

∂f

∂A−1
= Φm = −ATΨmA , (5.15)

∂f

∂D−1
= Φb = −DTΨbD . (5.16)

5.4 Sensitivity Convexification

Due to missing knowledge with respect to approximation convexity, physical insight
into the response to approximate does not always allow for a selective application
of a reciprocal approximation. For these particular responses, the necessity for the
approximation to be convex to exhibit a global minimum on optimization level can
either be dealt with by omitting the reciprocal approximation contribution in case of
uncertainty, or by trying to convexify the reciprocal part. A method how to do so
will be presented below.
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The derivation of the convexification process is demonstrated here for the mem-
brane stiffness sensitivity, while the method can also be used to convexify the bending
stiffness contribution in the approximation. The reciprocal membrane stiffness con-
tribution, equation (5.15), to the approximation is:

f = Φm : A−1 . (5.17)

The first variation with respect to the membrane stiffness:

δf = −trace
(
Φm A−1 δA A−1

)
, (5.18)

can be rewritten to:

δf = −trace
(
Φ̃
m ˜δA

)
, (5.19)

where:

Φ̃
m

= A−1/2 Φm A−1/2 , (5.20)
˜δA = A−1/2 δA A−1/2 . (5.21)

Accordingly, the second variation with respect to A becomes:

δ2f = 2 trace
(

˜δA Φ̃
m ˜δA

)
. (5.22)

Rewriting equation (5.22) using (5.15) and (5.20) along with the Cholesky decompo-
sition of A:

A = LLT , (5.23)

yields:

δ2f = 2 trace
(

˜δA (−LTΨmL) ˜δA
)
, (5.24)

so that Φ̃
m

inside the trace can also be expressed as:

Φ̃
m

= −LTΨmL . (5.25)

In order for the second variation always to be ≥ 0, constituting convexity of f with
respect to A−1, Φ̃

m
must be at least positive semidefinite.

Definiteness can be checked by investigating the eigenvalues of Φ̃
m

. Writing the
eigenvalues in a diagonal matrix D̃ and the corresponding eigenvectors in a matrix
T, allows for a representation of Φ̃

m
as:

Φ̃
m

= TD̃TT . (5.26)

Φ̃
m

is at least positive semidefinite if its eigenvalues are greater or equal to zero.
Hence, convexification aims at increasing negative eigenvalues to be at least ≥ 0,
while maintaining the modal basis T:

Φ+m = TD+TT . (5.27)
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The task can be expressed as a minimization problem, where the difference between
initial and modified eigenvalues is minimized, while constraining the modified eigen-
values to be ≥ 0 and the trace of initial and modified Φ to be the same, corresponding
to the sum of the eigenvalues:

min ||d+ − d̃||2 =
1

2

[
(d+

1 − d̃1)2 + (d+
2 − d̃2)2 + (d+

3 − d̃3)2
]
,

d+
1 ≥ 0 ,

d+
2 ≥ 0 , (5.28)

d+
3 ≥ 0 ,

d+
1 + d+

2 + d+
3 = d̃1 + d̃2 + d̃3 .

Introducing the substitutions:

x1 = d̃1 − d+
1 , x2 = d̃2 − d+

2 , x3 = d̃3 − d+
3 , (5.29)

the problem simplifies to:

min
1

2
(x2

1 + x2
2 + x2

3) ,

x1 ≤ d̃1 ,

x2 ≤ d̃2 , (5.30)

x3 ≤ d̃3 ,

x1 + x2 + x3 = 0 .

The Lagrange equation:

L =
1

2
(x2

1 + x2
2 + x2

3) + λ1(x1 − d̃1) + λ2(x2 − d̃2) + λ3(x3 − d̃3)

+µ(x1 + x2 + x3) , (5.31)

leads to minima of the objective function for the three different cases with one, two,
or three active constraints.

Case 1: λ1 6= 0, λ2 = λ3 = 0
This is the case, if d̃1 < 0, while the other eigenvalues are at least zero or positive.
The active Lagrange multiplier becomes λ1 = −3/2d̃1, while the modified eigenvalues
can be computed to:

d+
1 = 0 ,

d+
2 = d̃2 +

1

2
d̃1 , (5.32)

d+
3 = d̃3 +

1

2
d̃1 .

All three new eigenvalues are ≥ 0 and thus fulfill the inequality constraints. The sum
of all eigenvalues corresponds to the sum of the initial eigenvalues, as is required by
the equality constraint.
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Case 2: λ1, λ2 6= 0, λ3 = 0
When the first two eigenvalues d̃1 and d̃2 are negative, the present case applies. The
Lagrange multiplier become λ1 = −2d̃1 − d̃2 and λ2 = −d̃1 − 2d̃2, and the modified
eigenvalues are:

d+
1 = 0 ,

d+
2 = 0 , (5.33)

d+
3 = d̃1 + d̃2 + d̃3 .

Case 3: λ1, λ2, λ3 6= 0
All three eigenvalues of Φ̃

m
are negative. Accordingly, no convex part exists and only

a linear approximation can be applied.

With the optimized eigenvalues d+
1 to d+

3 :

D+ =

d+
1 0 0
0 d+

2 0
0 0 d+

3

 , (5.34)

the convexified Φ+m can be calculated using equation (5.27).
The remaining sensitivity contribution follows from the difference of initial and

optimized positive eigenvalues The difference of initial, equation (5.26), and optimized
positive eigenvalues, equation (5.27), results in the non-convex contribution Φ−m:

D− = D̃−D+ , (5.35)

Φ−m = TD−TT . (5.36)

The derivation of the final convexified reciprocal sensitivity Φm|conv from Φ+m

and the linear sensitivity Ψm|conv from Φ−m based on equation (5.23) and (5.25)
yields:

Φm|conv = L Φ+m LT , (5.37)

Ψm|conv = −(LT )−1 Φ−m L−1 . (5.38)

In case no convex part can be separated, the convexified linear sensitivity from equa-
tion (5.38) will be identical to the initial linear sensitivity Ψm|conv = Ψm that formed
the basis for the convexification; Φm|conv will then be zero.

5.5 Sensitivity Convexification Sample

The influence of response convexification can plausibly be demonstrated using a twist
approximation as applied in the stiffness optimization of a wind-tunnel model. The
finite element model is shown in Figure 5.2. In the optimization, the twist at the
wing tip had to be constrained in both directions, ∆ϑmin

∣∣
tip
≤ ∆ϑ

∣∣
tip
≤ ∆ϑmax

∣∣
tip

.

The last spanwise point of the load reference axis was chosen as the monitoring point
and the twist sensitivities Ψ with respect to all design field stiffnesses were computed
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Figure 5.2: FEM of a wind-tunnel model

with Nastran. Since the optimizer can only handle upper limit constraints, the
lower limit constraint ∆ϑ

∣∣
tip
≥ ∆ϑmin

∣∣
tip

had to be reversed by multiplying it with

−1 in order to turn it into an upper limit constraint:

−∆ϑ
∣∣
tip

≤ −∆ϑmin
∣∣
tip

, (5.39)

∆ϑ
∣∣
tip

≤ ∆ϑmax
∣∣
tip

. (5.40)

The most general form of the twist approximation is anticipated in equation (5.41)
and will recur in section 5.7.2:

ϑ̃ =
∑
j

Ψm
j : Aj + Ψb

j : Dj + Φm
j : A−1

j + Φb
j : D−1

j + αjhj . (5.41)

The convexification of Φ as resulting from equation (5.15) and (5.16) using the process
described in section 5.4, has to take into account the different signs required for the
approximation of lower and upper twist constraints, equation (5.39) and (5.40). This
is important, since using the same convexified sensitivities of the upper limit also for
the lower limit would result in a concave approximations due to the change in sign.

The considerable difference in the convexified approximation behavior of the up-
per and lower limit twist response is illustrated in Figure 5.3. To investigate the
approximation behavior, the membrane stiffness in all design fields was altered by:

Anew = A + p

A11 0 0
0 −A11 0
0 0 0

 , (5.42)

where p was varied between 0.65 ... 1.35, emulating a change in lamination parameter
V1A and thus a variation in stiffness in the material axis direction. According to
equation (1.26) and (1.30) on page 11 a variation in V1A leads to a similar change in
matrix elements (1, 1) and (2, 2), only opposite in sign. The development of the real
twist response, set to zero for the initial stiffness, along with the approximations in
the design point of initial stiffness with p = 1.0 are depicted in Figure 5.3. Despite
approximating the same response, the convexified upper limit response approximation
contains, almost exclusively, linear contributions, while the convexified lower limit re-
sponse approximation is dominated by reciprocal parts. It should be mentioned that,



72 RESPONSE APPROXIMATION FORMULATION 5.6

0.7 0.8 0.9 1 1.1 1.2 1.3 1.4
−0.8

−0.6

−0.4

−0.2

0

0.2

0.4

0.6

approximation point

p, factor for mod. of A11, A22

∆ 
ϑ,

 d
eg

 

 

real response
upper limit response approx.
lower limit response approx.

Figure 5.3: Real response and convexified response approximations

in spite of the linear appearance of the upper limit approximation, few design fields
also add reciprocal contributions, while the lower limit approximation also contains
few linear portions. Finally, this result in general also exemplifies the possible benefit
of reciprocal approximations. The lower limit approximation almost exactly follows
the behavior of the real response for the entire range of investigated stiffnesses.

5.6 Structural Responses

The approximations of the classical structural responses that are essential in a regular
structural sizing optimization of a wing are described in the following sections. The
approximations consist of a strength and buckling failure response, sections 5.6.1 and
5.6.2, and the approximation for mass of the structural components that are part of
the optimization model, section 5.6.3. Strain and buckling are investigated for each
shell element that is part of the optimization model and each sizing load case, while
mass is a global property of the finite element model and therefore requires only a
single response approximation.

Before elaborating the details of the structural response approximations, an ap-
proximation mutually used by the strength and buckling response needs to be dis-
cussed. The approximations of the stress resultants Nx, Ny, Nxy do not appear as
independent responses in the optimization and are therefore derived below.
As explained in section 4.3 , Nastran allows for the definition of stress responses at
the upper and lower end of a laminate per shell element, σu and σl. The membrane
stress resultants in element i therefore become:

Ni =
1

2
ĥi
(
σui + σli

)
, (5.43)
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noting that, to simplify readability, equation (5.43) and following equations given in
this section apply to all three stress components x, y and xy separately.

Since Nastran generates sensitivities with respect to thickness normalized stiff-
ness matrices and thickness Â, D̂, ĥ (∂σ/∂Â, ∂σ/∂D̂, ∂σ/∂ĥ), equation (5.43) can
be derived with respect to these to obtain the stress resultant sensitivities:

∂Ni

∂Âj

=
1

2
ĥi

(
∂σui

∂Âj

+
∂σli

∂Âj

)
, (5.44)

∂Ni

∂D̂j

=
1

2
ĥi

(
∂σui

∂D̂j

+
∂σli

∂D̂j

)
, (5.45)

∂Ni

∂ĥj
=

1

2
ĥi

(
∂σui

∂ĥj
+
∂σli

∂ĥj

)
+

1

2

(
σui + σli

)
δij . (5.46)

where j denotes the independent stiffness properties of each design field.

In order to take account for the change in stress resultant in element i as a result
of a stiffness change in design field j, an approximation of the stress resultant change
is introduced:

∆Ni =
∑
j

∂Ni
∂Aj

: Aj +
∂Ni
∂Dj

: Dj +
∂Ni
∂hj

hj . (5.47)

The sensitivities shown in equations (5.47) are derived from equation (5.44) to (5.46),
taking into account the general transformations depicted in equations (5.12) to (5.14).

Varying stress resultants in element i as a result of stiffness changes in design field
j are mainly evoked by two mechanisms, one, load redistribution resulting from a
statically indeterminate system, and two, indirectly via a change in the applied loads.
In the context of this research, the influence of varying aeroelastic loads as a result
of stiffness changes and consequently in the aerodynamic shape, are an important
contribution to the assessment of meaningful sensitivities with Nastran.

5.6.1 Strength

The absence of a well-defined laminate stacking sequence does not allow for the appli-
cation of classical strength failure criteria like fiber, shear or interlaminar failure, nor
for use of theories describing the failure mechanics, like Tsai-Wu and Puck. For that
reason, a new failure criterion, tailored for the application in stiffness optimizations
was developed by IJsselmuiden et al. [IJs08], [IJs11]. It is based on the Tsai-Wu
first-ply failure criterion as described for example in Daniel et al. [Dan94]. The ap-
proach consists of the construction of a convex failure envelope that accounts for the
possible existence of all fiber angles; the analytic expressions defining the inner con-
tour of the envelope that describes the allowable maximum strain vector are derived.
The envelope description only depends on the strain allowables of the material to
be used in the optimization and therefore, other than that, do not require knowledge
about the stiffness matrices to be investigated. Since the failure envelope accounts for
the occurrence of all possible fiber angles in the laminate, it describes a conservative
boundary.
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The stress strain relationship in a laminate with membrane stiffness A and stress
resultant N is given by:

ε =

 εx
εy
γxy

 = A−1N , (5.48)

and as such is used in the computation of a failure index r that expresses the fraction
of the actual strain vector relative to the vector extended onto the failure envelope.
Failure indices r ≤ 1 therefore denote the structurally feasible region, while r > 1
indicates strain failure. The derivation is illustrated in more detail in Khani et al.
[Kha11]. The failure index can be expressed as:

r = NTA−1g , (5.49)

where g describes the gradient of the failure index with respect to the strain vector
g = ∂r/∂ε.

Equation (5.49) indicates that a reciprocal approximation with respect to the
membrane stiffness of the panel under consideration is preferable, along with a linear
approximation in the stress resultant, ri(A

−1
i ,Ni). The approximation then becomes:

r̃i =
∂ri

∂A−1
i

: A−1
i +

∂ri
∂Ni

∆Ni . (5.50)

The first term represents local stiffness changes, while the change in stress resultant
in element i, ∆Ni, is approximated according to equation (5.47) and therefore adds
a globally dependent term to the overall approximation.

Khani et al. [Kha11] state that Φm
i = ∂ri/∂A−1

i is not positive definite in general.
A linear local approximation is added, replacing the non-definite part in Φm

i , so that
the approximation finally can be written as:

r̃i = Φm
i : A−1

i + Ψm
i : Ai + sti∆Ni , (5.51)

where si = ∂ri/∂Ni. Response and local sensitivities of ri with respect to A−1
i , Ai

and Ni (Φm
i , Ψm

i , si, respectively), are generated based on the failure envelope and
as function of Ai and Ni.

It should be noted that the terms strain and strength response/failure/constraint
are used interchangeably throughout the thesis.

5.6.2 Buckling

The buckling analysis and the derivation for the approximation formulation is per-
formed on the basis of an idealized buckling model. Each wing panel, between two
stiffeners and two ribs, is idealized as a simply supported flat plate under constant
in-plane loading. This way, a detailed finite element representation of the buckling
fields for a FE based buckling analysis is not required, which considerably shortens
calculation time and simplifies the FE model generation.

Each panel is represented by a quadrilateral element. First, the geometry is pro-
jected onto the element material coordinate system and the local z component is
neglected to obtain a flat geometry. The flat panel is mapped to a standard square
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−1 ≤ ξ ≤ 1,−1 ≤ η ≤ 1 using a bilinear transformation. The bending displace-
ment w(x, y) is represented in terms of hierarchical shape functions w =

∑
i aiφi(ξ, η)

[Bab89]. The hierarchical shape functions are formed by multiplying one-dimensional
Lobatto (bubble) functions. In this way, the assumed shape functions satisfy simple
supported kinematic conditions.

Setting up the buckling approximation is quite similar to the approximation for
strain failure. Again, a failure index r is approximated describing the ratio between
actual load and the lowest critical buckling load, see IJsselmuiden et al. [IJs10]. In-
stead of inverse membrane stiffness, the inverse bending stiffness is adopted in the
approximation, along with a variation of the in-plane loading, affected by load redis-
tribution for altered stiffnesses throughout the structure:

r̃i =
∂ri

∂D−1
i

: D−1
i +

∂ri
∂Ni

∆Ni , (5.52)

r̃i = Φb
i : D−1

i + sti∆Ni . (5.53)

∆Ni is identical to the ∆Ni in the failure index approximation and was defined in
equation (5.47).

The response and sensitivities of ri with respect to D−1
i and Ni (Φb

i and si re-
spectively), are obtained as follows.

The strain energy of the panel is written as:

2U = at ·K · a , (5.54)

while the potential energy of the in-plane loads is written as:

2V = at ·Kg · a . (5.55)

The stiffness matrix K is expressed as:

K = D11K
11 +D12K

12 +D16K
16 +D22K

22 +D26K
26 +D66K

66 . (5.56)

The constant matrices Klm are obtained by integrating the second derivatives of the
shape functions. For instance:

K11
pq =

∫
Ω

φp,xxφq,xxdΩ , (5.57)

where Ω is the area of the panel. Partial derivatives are evaluated using the chain
rule and the integration is performed using Gauss quadrature.

The geometric matrix Kg is expressed as:

Kg = −NxKxx −NyKyy −NxyKxy , (5.58)

where the constant matrices Kxx, Kyy and Kxy are given by:

Kxx
pq =

∫
Ω

φp,xφq,xdΩ , Kyy
pq =

∫
Ω

φp,yφq,ydΩ ,

Kxy
pq =

∫
Ω

φp,xφq,y + φp,yφq,xdΩ . (5.59)
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The inverse buckling factors r are obtained by solving the eigenvalue problem:

(Kg − rK) · a = 0 . (5.60)

The buckling modes are normalized to have a unit stiffness ati ·K · ai = 1. The
sensitivity of the inverse buckling factor with respect to the panel bending stiffness is
obtained using the standard eigenvalue sensitivity formulas in the form:

∂ri
∂Dlm

= −riati ·Klm · ai . (5.61)

Similarly, the derivative of the inverse buckling factors with respect to the applied
loads are obtained from:

s•i =
∂ri
∂N•

= ati ·K• · ai . (5.62)

5.6.3 Mass

Since the structural mass only depends on the laminate thickness and not on its
stiffness matrices, the approximation reduces to equation (5.63), where αj = ∂mi

∂hj
:

m̃ =
∑
j

αjhj . (5.63)

No further processing of the corresponding Nastran sensitivity is required prior to
incorporating in the approximation.

In addition, mass sensitivities α can be used to calculate element weighing factors
according to the ratio of element area to total area, as required by the optimizer. The
element area being equal to Si = αi/ρi, the weighing factor becomes wi = αi/

∑
αi,

assuming the density to be the same for all elements.

5.7 Aeroelastic Responses

The structural responses strength and buckling, as described in the previous sections,
relate to a specific condition and therefore approximation in each element. Direct
physical coherence between the response and the design variables can be found, allow-
ing response approximations to be constructed based on this knowledge. Aeroelastic
responses, however, describe a global behavior, and for this reason it is not possible
to construct explicit, functional relationships between the response and the design
variables. For that reason, the convexification process as describe in section 5.4 is
applied on the reciprocal sensitivities of membrane stiffness A and bending stiffness
D. The corresponding approximations of aeroelastic responses will be described in
the following sections.

5.7.1 Aileron Effectiveness

A detailed explanation on the derivation of aileron effectiveness was given in section
2.2.1. Since it is not know a priori if the reciprocal approximation is convex, as
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discussed above, a convexified approximation is adopted:

η̃ail =
∑
j

Ψm
j : Aj + Ψb

j : Dj + Φm
j : A−1

j + Φb
j : D−1

j + αjhj . (5.64)

To set a lower bound or maximize aileron effectiveness, and to avoid sign switching
during optimization, equation (5.64) is multiplied by −1 (scale) and a constant η0

is added (shift). A reasonable value for η0 is the rigid wing aileron effectiveness,
but an estimate of this is sufficient to maintain the response sign. The modified
approximation is shown in equation (5.65) and the lower bound constraint on aileron
effectiveness in equation (5.66):

η̃∗ail = −η̃ail + η0 , (5.65)

η̃∗ail ≤ −ηailmin + η0 . (5.66)

It should be noted that η0 will not be required in the definition of the approximation
itself, since following the discussion in section 5.2, the constant term will be computed
internally in the optimizer. Nevertheless, the design point response that will be passed
to the optimizer will contain both scaling and shifting as defined in equation (5.65).

5.7.2 Twist

While the importance of twist in an aeroelastic optimization was pointed out in section
2.2.3, the approximation for twist is treated in a similar manner to aileron effective-
ness. Not being able to guarantee convexity of the reciprocal approximation, the
reciprocal sensitivities are convexified:

ϑ̃ =
∑
j

Ψm
j : Aj + Ψb

j : Dj + Φm
j : A−1

j + Φb
j : D−1

j + αjhj . (5.67)

To be able to set an upper and lower limit on twist, or to minimize or maximize
twist when defining it as an objective, two variants are applied. A scaled and shifted
approximation and a constraint for defining a lower limit or maximizing twist are
given in equations (5.68) and (5.69):

ϑ̃∗ail = −ϑ̃ail + ϑ0 , (5.68)

ϑ̃∗ail ≤ −ϑailmin + ϑ0 . (5.69)

A scaled and shifted approximation and a constraint for defining an upper limit or
minimizing twist are given in equations (5.70) and (5.71):

ϑ̃∗ail = ϑ̃ail + ϑ0 , (5.70)

ϑ̃∗ail ≤ ϑailmax + ϑ0 . (5.71)

In both cases, the responses are shifted by ϑ0 in order to ensure that the response
ϑ̃∗ail passed to the optimizer will always be ≥ 0.

The direct implication of defining lower and upper limit constraints as shown in
equation (5.68) and (5.70) and a subsequent convexification of the sensitivities is
demonstrated in section 5.5.
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5.7.3 Divergence

Again, the same convexity uncertainty as stated for aileron effectiveness and twist
holds also for the approximation of divergence pressure qdiv, hence a convexified ap-
proximation is adopted, equation (5.72):

q̃div =
∑
j

Ψm
j : Aj + Ψb

j : Dj + Φm
j : A−1

j + Φb
j : D−1

j + αjhj . (5.72)

A description of divergence as an aeroelastic phenomenon was presented in section
2.2.2. Clearly, the most important application of the response will be a lower limit
constraint, and therefore the approximation and the constraint are scaled, equations
(5.73) and (5.74). With the divergence pressure being in the order of several tens of
thousands, the response is not just scaled by −1, but by −1/qdiv0 instead, where a
meaningful choice for qdiv0 can be the lower limit constraint value. In this case, for an
active constraint the unshifted response will be equal to −1. Hence, a useful choice
for the shift is qnorm = 2:

q̃∗div = − 1

qdiv0
q̃div + qnorm , (5.73)

q̃∗div ≤ − 1

qdiv0
qdivmin + qnorm . (5.74)

5.8 Summary

In this chapter the derivation of response approximations in terms of the design
variables were presented. The results constitute a key contribution to the stiffness
optimization process. The general setup of a response approximation was discussed,
followed by a description of the practical treatment of the sensitivities provided by
Nastran. The convexification of reciprocal sensitivities was investigated, followed
by a detailed description of the structural and aeroelastic approximations employed
in this research work. The developed responses are summarized in table 5.1.

Table 5.1: Response approximations

strength r̃i = Φm
i : A−1

i + Ψm
i : Ai + sti∆Ni

buckling r̃i = Φb
i : D−1

i + sti∆Ni

mass m̃ =
∑
j αjhj

aileron effectiveness η̃ail =
∑
j Ψm

j : Aj + Ψb
j : Dj + Φm

j : A−1
j + Φb

j : D−1
j + αjhj

twist ϑ̃ =
∑
j Ψm

j : Aj + Ψb
j : Dj + Φm

j : A−1
j + Φb

j : D−1
j + αjhj

divergence q̃div =
∑
j Ψm

j : Aj + Ψb
j : Dj + Φm

j : A−1
j + Φb

j : D−1
j + αjhj

Before demonstrating the functionality of the stiffness optimization process using
various applications, the following chapter will discuss the development of an aero
load correction process to improve the aeroelastic loads prediction.



CHAPTER 6

Aero Load Correction

“Correction does much, but encouragement does more.”

Johann Wolfgang von Goethe

Despite Goethe’s veritable view on supporting encouragement rather than correc-
tion, aerodynamic forces calculated using the doublet lattice method have limitations,
beyond which one has either to accept their deviation with respect to the absolute
values, or one has to start thinking about correcting them; regrettably, encourage-
ment will not help in this situation. Understandably, Goethe little cared about the
doublet lattice method.

The doublet lattice method (DLM) was introduced in section 3.4 in association
with the model generation process. DLM is the built-in method of choice for com-
puting steady and unsteady aerodynamic loads in Nastran, [Rod04], the theory of
which is established in Albano et al. [Alb69], Giesing et al. [Gie71], and Rodden et al.
[Rod72]. A corresponding steady flow version of the doublet lattice method, closely
relating to it, is the vortex lattice method described in, for example, Bertin et al.
[Ber98]. The flat, two-dimensional aerodynamic panel mesh is coupled to structural
reference grids and therefore undergoes the same structural deformations, resulting
in deformation dependent aeroelastic loads, see section 3.4.3. Some more insight into
the derivation of aeroelastic forces with DLM will be provided in section 6.1.

In the case of steady aerodynamic flows, as applied in this research work, the
reason to perform a correction are the potential differences in wing surface pressures
between DLM and presumably more correct higher order aerodynamic methods. The
latter types of methods allow for the consideration of flow phenomena that cannot
be reproduced with DLM. Among the flow phenomena that must be dealt with the
most important are:

1. airfoil camber and thickness as opposed to the standard flat plate results ob-
tained from DLM

2. compressibility effects including local recompression shocks

79
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3. strongly non-linear aerodynamic forces resulting from viscous flow phenomena
like separation.

The correction methods applied and developed during the research reported here
and their limitations for ameliorating the above mentioned shortcomings are intro-
duced in section 6.2. The implementation of the correction methods in the optimiza-
tion framework is described in section 6.3, while in section 6.4 details of the routines
developed are presented.

6.1 Doublet Lattice

In general, an aerodynamic method is aimed at computing the surface pressures pj
in each of the boxes that make up the aerodynamic model, as a function of the free
stream conditions. With panel methods like DLM, a relation between the surface
pressure and the local angle of attack of each box with respect to the free stream
vector can be generated. This angle is usually denoted as non-dimensional downwash
wj , and the matrix establishing the relation between pressure pj and downwash is
called aerodynamic influence coefficient matrix AIC, [Rod04]. It is a direct outcome
of the doublet lattice method:

wj =
1

q
AICjjpj . (6.1)

The downwash wj is composed of two parts, one, the purely geometric downwash
vector wg

j and two, a part that results from the displacement of the aerodynamic
mesh. For steady flow conditions, the spatial displacement of the aerodynamic mesh
ua is used to compute the displacement related downwash via another matrix supplied
by the doublet lattice method, Dja, so that in total the downwash becomes:

wj = Djaua + wg
j . (6.2)

Along with an integration matrix Saj that relates box pressures pj to box forces fa:

fa = Sajpj , (6.3)

the combining of equations (6.1) to (6.3) leads to a relation between box forces fa
and box displacements ua:

fa = qSajAIC−1
jj Djaua + qSajAIC−1

jj wg
j . (6.4)

Based on the splining routines shortly described in section 3.4.3, a coupling matrix
H can be generated that relates structural us and aerodynamic displacements ua,
equation (6.5), and the matrix in a transposed form is applied in the transformation
of structural fAs and aerodynamic forces fa, equation (6.6):

ua = Hasus , (6.5)

fAs = Hsafa . (6.6)

Replacing aerodynamic displacements and forces in equation (6.4) by equation (6.5)
and (6.6) finally results in:

fAs = qKAus + qfAgs , (6.7)
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where:

KA = HsaSajAIC−1
jj DjaHas , and fAgs = HsaSajAIC−1

jj wg
j .

In the equations above KA is called the aerodynamic stiffness matrix and directly
relates structural displacements to aerodynamic loads acting on the structure.

Inserting equation (6.7) in the static equilibrium equation Kus = fAs + f ie, featur-
ing aeroelastic forces fAa and inertial and external forces f ie, allows a direct solution
for displacement vector us:

Kus = qKAus + qfAgs + f ie , (6.8)(
K− qKA

)
us = qfAgs + f ie . (6.9)

These set of equations represent a closely coupled structure and aerodynamics sys-
tem, since no iterative procedure is required to solve for the static equilibrium with
displacement dependent aeroelastic forces.

6.2 Correction Methods

Correction methods, with a strong focus on doublet lattice, have received a lot of
attention. Giesing et al. [Gie76] suggest methods that require either a correcting of
DLM pressures or modifications to the downwash based on the aerodynamic influence
coefficients. Palacios et al. [Pal01] provided a survey of the available correction tech-
niques, focusing on unsteady aerodynamic forces. An industrial application of DLM
correction is presented in Brink-Spalink et al. [Bri00], who suggest a least square
correction method that makes use of unsteady computational fluid dynamics (CFD)
results, and a two-dimensional correction method. Both methods are aimed at cor-
recting the AIC matrix. In a more recent work, Dimitrov et al. [Dim13] compare gust
responses obtained from DLM, CFD, and DLM that are corrected using quasi-steady
CFD data.

The sole focus of the research reported here was steady aerodynamic forces, thus
deviating from the methods described above, two correction procedures were con-
sidered and are discussed in the following sections. In the first method DLM mod-
ifications directly available in Nastran were employed, sections 6.2.1. The second
method is based on modifications made to the forces transferred the from doublet
lattice to the structural model, using a higher order aerodynamic method, section
6.2.2.

6.2.1 Doublet Lattice Correction

While the geometric downwash vector wg
j , as described in equation (6.2), in an un-

corrected DLM consists purely of the input induced by the free stream, Nastran
provides the possibility to extend the geometric downwash by an additional contri-
bution. In other words, the downwash in each box can be modified by a constant
value. The addition can be supplied to Nastran in the form of a W2GJ matrix. A
detailed investigation of this contribution is provided in Kaiser [Kai13]. To this end, a
downwash can be defined for each DLM box, corresponding to a local angle of attack
change, as illustrated in Figure 6.1. The required box rotations for the emulation of a
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camber line are shown in Figure 6.1(a). The chordwise constant rotation of each DLM
box as shown in Figure 6.1(b) is used to emulate a twist of the wing section. Both
downwash types described in Figure 6.1 can be varied in spanwise direction, allowing
for the simulation of cambered airfoil blending and a geometric twist distribution.
ModGen per default provides three W2GJ correction matrices for camber, twist, and
the combination of both, which are generated based on the wing planform and the
airfoil data provided in the ModGen input file. Airfoil and planform data suffice to
span the underlying aerodynamic surface.

airfoil
airfoil camber line
DLM box with camber correction
DLM box camber evaluation position

(a) camber

(b) twist (sample: 3◦)

Figure 6.1: DLM W2GJ correction illustration for a chordwise row of DLM boxes

The general effects of camber and twist, the latter one corresponding to angle of
attack in a two-dimensional case, on the characteristics of an airfoil section, along with
an analytic treatment by the theory of thin wing sections can be found in Abbott et
al. [Abb59]. The effect of the W2GJ correction will be discussed in chapter 9, however,
a first impression of the considerable influence of camber and twist on the chordwise
pressure distribution is given below with an investigation of three different airfoils
using the two-dimensional panel code XFOIL, Drela [Dre89]. The XFOIL code is
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capable of calculating inviscid and viscous flows and can account for compressibility
effects using the Prandtl-Glauert transformation, [Kat01].

All three airfoils emanate from the naca four digit series, as described for example
in Anderson [And05]. The first two, naca0002 and a naca3302, were chosen to closely
conform with the flat surface as modeled in DLM, apparent from the last two digits
in the airfoils declaration which represent a thickness of 2 %. While the first airfoil is
symmetric, the second one is cambered by 3 % with a camber maximum at 30 % of
the chord, as expressed in the first two digits. In order to demonstrate the influence
of airfoil thickness that can not be considered in the W2GJ correction, a third airfoil
naca3314, equivalent to naca3302, only with a thickness of 14 % was added to the
inevstigation. The airfoils are shown in Figure 6.2(a).

The calculations were performed for inviscid, but compressible flow conditions at
M = 0.6. For this Mach number the flow is still subsonic except for a very small
peak at the nose of naca0002 at lift generating flow settings. While the Prandtl-
Glauert transformation is not applicable in this area, it is assumed to not have a
substantial influence on the trends that are assumed to be shown with this example.
Pressure coefficients Cp were computed for a fixed angle of attack α = 1◦ and for a
fixed lift coefficient Cl = 0.3. DLM – due to the mesh methodology – only providing a
pressure difference between upper and lower surface, the XFOIL results were processed
accordingly. The results are summarized in Figure 6.2(b) and 6.2(c).

The most prominent difference between uncambered and cambered airfoils
naca0002 and naca3302 occurs for a fixed angle of attack, Figure 6.2(b). This is
quite obvious when bearing in mind that a cambered airfoil also generates lift in
the case of α = 0◦, while a symmetric ones does not. Keeping in mind that the
lift is proportional to the area below the ∆Cp curve, the cambered airfoil generates
considerably more lift than the uncambered one; Cl = 0.55 for naca3302 compared
to Cl = 0.14 for naca0002. Considering a realistic trimmed flight condition, where
independent of a potential correction method a certain lift coefficient is required and
not a fixed α, the differences in ∆Cp are still quite prominent, Figure 6.2(c). While
the areas below the curves are similar, and so is the lift, the moments about a fixed
reference point differ. The moment coefficient about the quarter chord is Cm = 0
for the symmetric naca0002 and Cm = −0.087 for the cambered naca3302. Aside
from a possible geometric twist implementation, it is mainly the improvement of
the moment coefficient for cambered airfoils, which makes the W2GJ correction an
important element in the advancement of the DLM aero loads. It is emphasized that
these results are supposed to show trends rather than absolute values. The Mach
number for example has a noticeable influence on the lift curve slope and therefore
also on the lift for a fixed angle of attack. Nevertheless, the results for the thin
symmetric and cambered airfoil are expected to correlate well with uncorrected and
W2GJ corrected DLM results.

Airfoil naca3314, also shown in the results in Figure 6.2(b) and 6.2(c), demon-
strates the influence of airfoil thickness on the chordwise pressure difference. For
the same angle of attack it generates ≈ 20% more lift (Cl = 0.66) than the thinner
version, Figure 6.2(b), while the moment coefficient is, absolutely, only ≈ 2% larger
(Cm = −0.088).

With closely matching moment coefficients the question arises why further cor-
rections beyond W2GJ might still be required. One of the most prominent reasons
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Figure 6.2: XFOIL results
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is the lack of recompression shocks that can not be covered with DLM. They arise
beyond airfoil dependent Mach numbers and are usually present in cruise condition,
and especially at high Mach numbers and high lift load cases. Shocks can have a
large influence on the chordwise lift and therefore moment distribution, changing the
twist distribution and hence spanwise lift distribution for load cases that drive the
structural sizing of the wing structure. Another reason is that in the case of a W2GJ
corrected DLM the missing influence of airfoil thickness on the lift coefficient is bal-
anced by an adaption of the angle of attack required to fulfill the trim condition. Not
only do the altered lift force vector directions influence the structural design, but also
the moment coefficient due to compressible flow is influenced, deviating from the real
conditions. These shortcomings lead to the need for an additional correction method,
as described in the following section.

6.2.2 CFD Correction

Aerodynamic methods can basically be grouped into lower and higher order meth-
ods, with a prominent difference lying in the discretization methodology, which in
turn is a result of the governing equations that are to be solved. Lower order meth-
ods usually solve the linearized potential flow equation, in which case a surface or
even line representation of the component to be investigated in a flow environment is
sufficient. The equations result from a linearized version of the Navier-Stokes equa-
tions, after neglecting the viscosity and vorticity terms, [Kat01]. The doublet lattice
method, which forms the basic aerodynamic model throughout this research, belongs
to these methods, as does the XFOIL code applied in the previous section. An equiva-
lent three-dimensional surface panel code is for example VSAERO, Nathman [Nat98].
Three-dimensional panel codes are capable of emulating the real wing surface includ-
ing the full airfoil geometry and can be coupled to boundary layer codes that act
along streamlines on the panel surface to account for viscous effects.

A common downside of linearized potential flow solvers is the inability to capture
non-linear effects like recompression shocks. Accordingly, higher order codes have to
be applied if a need for an accurate prediction of the steady flow phenomena in the
transonic flow regime arises. Full potential solvers, which form the next step towards
higher order methods can already cope with non-linear effects. Nevertheless, given
increasing computational power and developments in the CFD area increasingly focus-
ing on solvers that deal with the full Navier-Stokes or Euler equations, a decision was
made in favor of the DLR – German Aerospace Center unstructured Navier-Stokes
solver Tau, see Gerhold et al. [Ger97], Schwamborn et al. [Sch06]. The abbreviation
CFD stands for Computational Fluid Dynamics and denotes methods used to solve
the governing equations of a fluid flow. While the term is usually applied in con-
junction with higher order volume mesh methods like Navier-Stokes solvers, strictly
speaking it also applies to lower order methods. In the scientific community, as in
this work, its meaning is dedicated to higher order methods exclusively.

Solving the appropriate flow equations necessitates a flow field discretization that
differs fundamentally from the ones applicable for lower order methods. Instead of
modeling only the surface of the object under investigation, a spatial discretization is
required, a sample of which is shown in Figure 6.3. Details on the mesh generation
are provided in section 6.4.1.
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Figure 6.3: Euler CFD volume mesh

Tau can be applied either for solving the full Navier-Stokes equations with a
dedicated boundary layer and turbulence modeling, or in a simplified version, in
which the viscous terms in the flow equations are neglected, hence resulting in the
Euler equations. A main disadvantage of Euler compared to Navier-Stokes is its
inability to resolve flow separation except at sharp corners like trailing edges. This is
a direct consequence of disregarding the viscous terms, which in turn also precludes
the consideration of friction forces. Moreover, missing viscosity and flow separation
can give rise to a biased shock position and shock strength overestimation, see for
example Whitfield et al. [Whi81] and Jameson [Jam83]. Nevertheless, due to the
considerable time saving when using Euler compared to the full Navier-Stokes solver,
along with much faster mesh generation due to avoiding the necessity for a dedicated
boundary layer meshing, the Euler solver is applied solely. It constitutes a reasonable
compromise between computational effort and the gain in accuracy of the aerodynamic
loading, well suited for the application in the structural optimization process.

TAU
DLM

Figure 6.4: Force vectors at the coupling nodes

The basic idea behind the entitled CFD correction consists of rectifying aerody-
namic loads obtained using the doublet lattice method by means of the supposably
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superior CFD results. To this end, the relevant sizing load cases are analyzed with
Tau, considering an appropriate volume mesh deformation that resembles the struc-
tural displacements. With the doublet lattice forces concentrated onto the coupling
nodes, compare section 3.4.3 and 4.5.2, the same nodes are selected for splining the
surface forces obtained from the Euler calculation. The difference between the CFD
force vector and the DLM force vector at each coupling node is applied as a static
amendment to the respective load case. The force vectors on a deformed wing struc-
ture are shown in Figure 6.4.

A detailed description of the aero load correction process will be given in the
following section 6.3, while the focus of section 6.4 will be the individual CFD related
tasks, required to obtain the desired correction forces.

6.3 Process Methodology

The process of correcting the aerodynamic loads obtained with DLM can be seen as
an addition to the existing optimization framework as it was introduced in section
2.1. It is defined as a stand-alone module that collaborates with the optimization via
well-defined interfaces. Typically, the generation of an appropriate Tau Euler mesh
is the first indispensable step required to allow a CFD correction, details on which
are provided in section 6.4.1.

Optimization Process (Figure 2.1, page 24)

CFD Correction Module:

• mesh deformation

• Euler calculation

• force coupling

displ. & flow param.fτ

+

fDLM

−

∆fτ

Figure 6.5: CFD correction implementation outside the optimization loop

The new correction process is depicted in Figure 6.5. The CFD module is po-
sitioned outside the actual optimization framework. The computation starts with a
regular optimization and as yet uncorrected aero forces. Uncorrected in this context
only refers to CFD correction, while a correction via W2GJ can always be applied.
When the optimization is converged, or when the specified number of iterations is
reached, it is stopped. So far, no difference exists compared to a regular optimiza-
tion.

For each load case that is to be corrected using CFD aero loads, the necessary input
is passed to the CFD correction module. The input consist of structural displacements
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at the coupling nodes, utilized for the CFD mesh deformation, and the flow parameters
that are required to perform an Euler calculation. These parameters consist of a Mach
number, stagnation pressure, density and angle of attack. It is important to note that
the Euler calculation is performed for the same angle of attack as resulting from the
trim calculation in Nastran. The necessary data was generated during the sensitivity
generation, mainly using the output requests defined in section 4.5. Details on mesh
deformation as addressed above are provided in section 6.4.2, and information on the
required flow parameters in section 6.4.3. Only symmetric maneuver and cruise load
cases are designated for CFD correction, the first due to their potential to drive the
structural sizing and the latter due to the evaluation and possible constraining of
wing twist. In both cases the corrected aero loading can have a significant influence
on the results.

Once the CFD forces are generated and condensed to the coupling nodes, denoted
as fτ in Figure 6.5, they are subtracted from the appropriate DLM forces fDLM ,
yielding the correction forces ∆fτ :

∆fkτ = fkτ − fkDLM , (6.10)

where superscript k indicates the structural iteration steps for which Tau corrections
are generated.

The correction forces are grouped by load case and saved in the appropriate Nas-
tran FORCE card format. A new optimization process is initiated, this time including
the correction forces during the responses and sensitivity generation. The loop of opti-
mizing and computing new correction forces is continued until an overall convergence
is achieved.

Usually, an aeroelastic trim calculation in Nastran ensures that the lift forces
generated by the doublet lattice model exactly balance the weight vector multiplied
with the vector defining the load factor. The application of additional static cor-
rection forces at the coupling nodes presupposes the capability to perform a trim
solution that incorporates the forces in the static equilibrium equations. Nastran
does provide this necessity. Consequently, performing a trim calculation along with
the additional correction forces implies a force distribution at the coupling nodes in
the trimmed solution, which exactly matches the CFD results. Since this only is true
if the structural properties and therefore the displacements remain unchanged, this
statement strictly speaking does not apply during the optimization. The reason is
that during an optimization sequence the correction forces remain constant and will
only be updated after n iterations performed in the optimization block. Moreover,
the node displacements for the CFD correction module are generated before the last
iteration step, as can be seen from Figure 2.1 on page 24.

In the following, an examination of the convergence behavior will be given to
demonstrate the acceptance of this approach. Setting up the static equilibrium equa-
tion for the (k + n)th iteration leads to:

(K− qKA)uk+n
s = f ie + ∆fkτ , (6.11)

where KA is the aerodynamic stiffness matrix, which links structural displacements
to the aerodynamic forces generated by DLM according to:

fDLM = qKAus . (6.12)
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The derivation of KA was presented in section 6.1. Superscript k denotes the last
structural iteration step for which Tau correction forces were generated, and accord-
ingly superscript n is the nth subsequent structural iteration step. This notation
implies that Tau corrections not necessarily have to be performed for each structural
iteration. Vector f ie represents inertial and external forces. Inserting equation (6.10)
and (6.12) in (6.11) yields:

Kuk+n
s − fk+n

DLM = f ie + fkτ − fkDLM , (6.13)

and thus:

Kuk+n
s = f ie + fkτ + ∆fres , (6.14)

where:

∆fres =
(
fk+n
DLM − fkDLM

)
. (6.15)

Equation (6.14) states that in a converged solution where the residual force ∆fres
vanishes, the static equilibrium is determined entirely by means of Tau aerodynamic
forces fτ , keeping in mind that according to equation (6.10) the aerodynamic force vec-
tor is a combination of doublet lattice forces and correction forces, fτ = fDLM +∆fτ .
At this point it should be stressed that the converged aeroelastic deformation u com-
plies with the Tau aerodynamic forces, and likewise also accounts for the displacement
dependent doublet lattice forces according to equation (6.12).

The reason not to perform a CFD correction step along with each optimization
step are threefold.

1. Linearly increasing with the number of load cases to be considered for CFD cor-
rection, the computational costs can easily be in the time range of an optimizer
iteration step, therefore doubling the calculation time.

2. Except for the first iterations, the structural changes from iteration to iteration
are usually small, implying only minor changes in the twist distribution and
hence correction forces.

3. The optimizer in its current implementation does not allow for a transfer of
response damping values from a finished optimization process to a new one.
Thus, it is not meaningful to stop the optimization after a single iteration step
to generate correction forces. Besides, the first iteration step in a new opti-
mization always requires at least two sensitivity runs, one to find out about the
feasibility of the response to decide for the appropriate optimization algorithm,
and two, a run to determine the required damping that leads to conservative
approximations.

Due primarily to reason (3) the process depicted in Figure 6.5 was later modified
to the one shown in Figure 6.6. Instead of terminating the optimization process to
compute correction forces, the CFD correction module is placed inside the optimiza-
tion process. This makes it unnecessary to restart the optimizer when generating a
new set of correction forces. Due to the modular layout of the CFD correction no fur-
ther adjustments are required. As before, the CFD correction module does not have
to be called during each structural iteration step. Instead, the correction forces are
kept constant until a new set is generated. The number of iterations to be performed
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Figure 6.6: CFD correction implementation within the optimization loop

before the next CFD module call, belongs to the steering parameters and is part of
the initial input supplied to the optimization process. Investigations have shown that
renewing the correction forces every five to ten iterations is sufficient.

This concludes the overview on the process methodology for an aero load correction
with CFD forces. In the following, details of the CFD correction module as depicted
in Figure 6.5 and 6.6 are presented.

6.4 CFD Correction Module

The CFD correction module takes over the task of computing CFD forces at the
coupling nodes, based on the input that is required to perform a Tau calculation
on a deformed mesh. The essential steps successively performed in the module are
illustrated in Figure 6.7.

coupling
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(section 6.4.2)
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preprocessing
and flow
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displacements & flow parameters
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Figure 6.7: CFD correction module flow diagram
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Despite not being an immediate component of the correction module, section
6.4.1 starts with a description of CFD mesh generation, followed by an introduction
to the routines applied to perform mesh deformation and force coupling based on a
coupling matrix, section 6.4.2. The Tau tools required to perform mesh deformation,
preprocessing and the flow computation are introduced in section 6.4.3. The emphasis
of the research being structural optimization, only a basic overview of the Tau tools
will be presented.

6.4.1 Mesh Generation

The generation of volume meshes targeted at CFD computations is an enormously
wide field, capturing a large variety of meshing strategies and consequently applicable
softwares. For reasons of ease of use and the way of defining the required input, the
majority of the CFD meshes employed in this work were generated using the surface
modeler and unstructured volume mesher sumo, Tomac et al. [Tom11].

1. geometry definition ⇒ 2. surface meshing ⇒ 3. volume meshing

Figure 6.8: sumo meshing process

The mesh generation is based on three subsequent steps, illustrated in Figure 6.8.
First, the geometry of the body to be meshed is defined with surface descriptions that
can either be imported in text file format, or in the form of iges surface entities. The
first option necessitates the preparation of planform and airfoil coordinates, very much
like those required during the definition of the wing layout for the finite element model
generation with ModGen, chapter 3. Therefore, the ModGen input is chosen as an
adequate means to define the undeformed wing surface in sumo. The software, which
is not yet able to apply a CFD symmetry plane at y = 0, requires the consideration of a
full volume mesh and consequently geometry model. Due to the exclusive application
of symmetric maneuver load cases, a CFD mesh of only one wing half featuring a
symmetry plane at y = 0 would suffice, saving computation time by reducing the
amount of CFD mesh elements.

In the second step the wing surface is discretized with an unstructured mesh con-
sisting only of triangular elements. Several meshing parameter allow for the definition
of element sizes and mesh refinements, for example in areas with increased surface
curvature, like leading edge or wing tip. The parameters enable for a variation of the
mesh density and therefore pressure result resolution, and computational cost.

Finally, in step three the volume mesh is generated based on the surface mesh
generated in step two, and the definition of parameters that decide about volume
mesh refinement and element restrictions in spatial dimensions. The farfield in sumo
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is defined as a sphere, with the radius being one of the parameters required for the
tetrahedra mesh generation. A slice through the spherical volume is shown in Figure
6.8, while Figure 6.3 already gave an impression of the tetrahedra elements in the
vicinity of the wing surface. Meshes for this work were generated with a farfield
radius Rfar corresponding to Rfar ≈ 100 c̄, with c̄ being the wings average chord.

Depending on the intended surface pressure resolution, result accuracy, in connec-
tion with for example the computed shock position, and the CFD convergence and
computing time, the generated Euler meshes usually exhibit ≈ 200, 000 to 300, 000 tri-
angular surface elements and tetrahedra elements ranging from ≈ 0.7 ∗ 106 to 3 ∗ 106.
sumo allows for a mesh export directly in the appropriate Tau mesh format, see
[DLR13b].

6.4.2 Mesh Deformation and Force Coupling

In section 3.4.3, coupling between the doublet lattice model and the structure was dis-
cussed. This coupling is based on splining routines which are predicated on thin plate
theory, [Har72]. While DLM coupling is readily available using built-in Nastran
functionality, the consideration of external CFD forces consequently necessitates ap-
propriate coupling methods to link CFD and structure. The goal that needs to be
accomplished is twofold:

1. mesh deformation: mapping of selective finite element displacements on all
CFD surface nodes

2. force coupling: mapping of the CFD surface forces on selective finite element
nodes

It is important to note that these tasks refer to the deformations and forces of the
CFD surface elements exclusively. The deformation of the CFD volume mesh, which
in turn is based on the deformed surface mesh is part of the Tau preprocessing and
will be addressed in section 6.4.3. For the CFD correction process to be applicable, the
structural nodes used for coupling have to be the same as the ones applied in the DLM
coupling. The concept of a load reference axis for coupling purposes, also depicted
in Figure 3.6 on page 50, is introduced in section 3.4.3. These nodes constitute a
reasonable choice also in combination with a CFD correction.

CFD
FEM

Figure 6.9: Coupling Nodes

A possible constellation of coupling nodes in the vicinity of the wing root is illus-
trated in Figure 6.9. Evidently, the discretization of CFD and FEM differs consider-
ably. In order to couple both, a method to transform linearly structural displacements
into CFD displacements in the form:

ua = Hus , (6.16)
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needs to be found. Displacement vectors ua and us in equation (6.16) correspond to
the CFD surface and structural displacements respectively. The coupling matrix H
already appeared in the derivation of coupling forces for the doublet lattice method,
equation (6.5) in section 6.1, with the sole difference of incorporating DLM rather
than CFD displacements.

Beckert et al. [Bec01] show that the transposed of H can also be used to achieve
the second goal of transforming CFD forces onto the structure:

fs = HT fa , (6.17)

while preserving force and moment equilibrium and the virtual work of aerodynamic
and structural loads. Force vectors fs and fa in equation (6.17) are CFD nodal forces
and FEM nodal forces respectively. A possible result of equation (6.17) is depicted in
Figure 6.4 on page 86.

As outlined above, the aim of a coupling method is primarily the construction
of a coupling matrix H. A well-known approach to achieve this are radial basis
functions (RBF). Fundamentally, an RBF scales the influence of the scalar value at
its center with the radial distance. Adopted to the coupling problem this implies that
the displacements of the structural nodes can be transferred to the surrounding CFD
nodes by summing up the influence of all RBFs on the CFD nodes. A radial basis
function with a problem-tailored influence radius will be assigned to each structural
node. The coupling algorithm should allow for the selection of various types of RBFs,
suitable for two and three-dimensional applications, when referring to the distribution
of the structural coupling nodes. The selection of nodes belonging to the load reference
axis along with their plate-like, flat distribution preferably argues for two-dimensional
functions in the applications described in this work.

The DLR–Institute of Aeroelasticity can look back on a long and continuing tra-
dition in the design and investigation of coupling methods. Construction and appli-
cations are described for instance in Neumann et al. [Neu08], Neumann [Neu11] and
Neumann et al. [Neu13]. They are readily available and can be referred to, hence
saving the development of appropriate codes.

6.4.3 CFD Tools

The Tau CFD environment is set up in single modules, each of which fulfills a specific
task. In order to define module specific inputs, the allocation of a Tau parameter file
is crucial. Along with a suitable CFD mesh, the Tau parameter file constitutes an
indispensable component to perform the required tasks of volume mesh deformation,
necessary preprocessing steps, and finally the flow calculation. A detailed list of all
parameters that can be specified is given in [DLR13a].

The first tool in the Tau chain is the module performing the volume mesh defor-
mation. It requires a link to the deformed surface mesh as it was generated using the
coupling matrix, and allows for the selection of an algorithm either based on radial
basis functions or on an advancing front method. The latter is mainly applied in this
research.

The subsequent preprocessing module performs mesh type specific actions like the
generation of dual grids and the coarse grids in case of specifying the application of
a multigrid mode, [DLR13a]. Moreover, the module manages the grid partitioning in
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the case of distributing the computation on multiple processors, all with respect to
the deformed volume mesh.

Finally, the Tau Euler solver is executed. The corresponding module among other
things requires the definition of crucial flow parameters, which were passed along with
the grid displacements to the CFD correction module, compare Figure 6.7. Therefore,
the Tau parameter file needs to be updated each time the CFD correction module
is called. The flow parameters required by the solver are Mach number, density,
temperature, and the angle of attack.

Solving the Euler equations on the discretized mesh is an iterative procedure.
Hence, during the solver execution, Tau provides a constantly updated monitoring
file that lists integral surface values like lift, drag and moment coefficients, and also
convergence parameters like density residual and maximum residual in the entire flow
field for each iteration step performed. Three events exist for the solver to stop.

1. In case of a successful calculation, convergence is achieved. Tau checks conver-
gence by applying a Cauchy convergence control, which monitors the absolute
or relative change of lift, drag, and moment coefficient for two iteration steps
that are N iterations apart, where N is a user supplied number. If the change
drops below a specified margin, the solver stops.

2. If no Cauchy convergence is achieved within a specified maximum amount of
iterations, the solver stops.

3. If during the execution numerical problems occur, mostly identifiable by explod-
ing, hence strongly increasing local flow parameters, the solver stops.

In the above list the latter two stop conditions are treated as non-converged and
therefore unsuccessful solutions by the CFD correction module and special measures
are taken. A majority of the parameters that are set for the Tau Euler solver module
specify algorithm, solution strategy and involved variables to be applied in flow solv-
ing. The parameters constitute a tradeoff between computing time, required iteration
number, convergence behavior, and stability. Among those are a multigrid cycle pa-
rameter; a parameter selecting an implicit, Runge Kutta, or explicit, Backward Euler,
time-stepping scheme; and parameters defining coarse and fine grid CFL numbers,
where CFL in general defines the ratio of travel distance in the CFD mesh and cell
dimension. To cope with CFD convergence problems, different parameter sets are
defined beforehand, ranging from presumably fast and instable settings down to slow
and stable settings. In the case of an unsuccessful Tau run, the CFD correction
module rewrites the parameter file with a new set and starts a new solver run. If
no convergence can be achieved even with the most stable set, the CFD correction
module quits with forces fτ equal to zero. Reasons for nonconverging solutions can
either be bad mesh quality or erroneous flow settings.

It should be noted that the above mentioned block of Tau modules can obviously
be exchanged with any other CFD environment that provides the required function-
ality of volume mesh deformation and flow solving.
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6.5 Summary

This concludes the description of the aero load correction strategy. Two techniques
to enhance the Nastran internal DLM were presented. The first method aims at
improving the Nastran doublet lattice method with correction matrices derived from
airfoil coordinates and wing twist. The second method involves flow analysis with
higher order CFD methods and a derivation of static correction forces as the difference
between CFD and DLM. While the first method can account for airfoil camber and
twist only, the second method incorporates fully three-dimensional transonic flow
effects, such as recompression shocks and thickness effects. To facilitate the mesh
generation process, but also to achieve reasonable calculating times, a decision in favor
of an Euler solver was made. The drawbacks are the nonconsideration of viscous flow
phenomena like separation or a biased shock position especially in off-design regions.
Replacing the Euler solver by Navier-Stokes is only a matter of computational power
and mesh generation abilities. The implementation in the CFD correction module
will only require an exchange of the corresponding Tau modules.
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CHAPTER 7

Aeroelastic Optimization of a Swept Back Wing

“The excessive increase of anything causes a reaction in the opposite
direction.”

Plato

The first application of the stiffness optimization process is focused on the demon-
stration of general functionality, the introduction of basic terminology, and the meth-
ods used to present the optimization results. For this purpose a generic wing model
was developed, incorporating the attributes required to exemplify the optimization of
structural and aeroelastic responses.

The general outline of the wing model is presented in section 7.1. A definition of
critical load cases covering the contemplated objective and constraints is presented
in section 7.2. The finite element model, set up with the parametric wing model
generation process, is described in section 7.3, details of the optimization model are
provided in section 7.4. The implication of the initial stiffness parameters on the
structural responses and different result representations are discussed and established
in section 7.5. A detailed review of the sensitivities provided by Nastran with finite
differences is summarized in section 7.6. Two sets of optimizations were performed.
One, the minimization of wing skin mass while constraining aileron effectiveness,
discussed in section 7.7, and two, the maximization of aileron effectiveness while
constraining the wing skin mass, discussed in section 7.8. In both cases, strain and
buckling constraints were adopted. The optimizations were performed for balanced
and unbalanced laminates, to shed light on the influence of the increased design
freedom for the latter laminate type.

This chapter is based on the paper, Stiffness Optimization of Composite Wings with Aeroelastic

Constraints by J.K.S. Dillinger, T. Klimmek, M.M. Abdalla, & Z. Gürdal, [Dil13c], which ap-

peared in Journal of Aircraft, 50.4, pp. 1159-1168, 2013. Note: symbols may have been changed

to maintain consistency throughout this thesis.
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As this research belongs to the first adoptions of the stiffness optimization pro-
cess, minor deviations from the methods and models described in the first part of this
thesis will be found. The reason for this is the enhancements made to the optimiza-
tion process after application in the demonstration described in this chapter. When
deviations occur, they will be noted in the text.

7.1 Model Description

Considering a possible and also most plausible application of the optimization process
in the field of high aspect ratio passenger and transport aircraft, a decision was made
to model an A320 like wing. The original being built from aluminum, a transition to
composite skins seems a realistic consideration, keeping in mind that a successor for
the very successful A320 aircraft family produced by Airbus might be a logical step
in the manufacturers future plans. Nevertheless, only a very simplistic wing model
compared to the original was considered, mainly reproducing geometric entities like
the wing span of 34.1m, a wing surface of 122.6m2, and a leading edge back sweep
of 26◦. The wing was modeled with one transonic airfoil throughout the entire span,
featuring a maximum thickness and camber of 11.95% and 1.45% respectively. More-
over, a dihedral of 2◦ was considered. An overview of the basic planform dimensions
is provided in Figure 7.1.

1.562m

0.
87

3m

26° leading edge sweep

17.05m

16.8m

front spar 20% aft of leading edge

4.
10

0m

5.50m

2.
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3m

1.5m

6.
30

0m

Figure 7.1: Planform and wing box dimensions

The load carrying wing box, as well depicted in Figure 7.1, features straight front
and rear spar webs. Their locations are defined by the relative chordwise positions
at wing root and tip, which is a constant 20% aft of the leading edge for the front
spar, and 69% and 74% respectively, for the rear spar. The box does not cover the
entire spanwise distention, keeping in mind the existence of a possible center wing
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box, which was not incorporated in the investigation. More details on the structural
setup will be provided in section 7.3.

7.2 Flight Envelope and Load Cases

In general, the selection of load cases (LC) to be considered in the design of the load
carrying structure of an aircraft is well defined in the official design specifications
belonging to the type of aircraft class considered. In Europe, those regulations are
provided by the European Aviation Safety Agency, EASA. The class that applies for
large passenger type aircraft is called CS-25 [EAS12]. Each aircraft belonging to a
specific class has to comply with the specified regulations for that class.

Typically, CS-25 requires the verification of structural integrity for a large number
of load cases, arising from the permutation of flight velocities, flight altitudes, mass
cases and center of gravity, and aircraft configurations, the latter denoting for instance
states with extended landing gear or various flap settings. Concentrating on the
optimization process rather than absolute results, only one mass case was incorporated
in the optimization, which will be discussed in more detail in the following section
7.3. Moreover, delimited by the finite element model resolution and detail, and the
aerodynamic capabilities of the doublet lattice method, only the cruise configuration
was investigated, leaving flight altitude and velocity as the remaining parameters
when choosing load cases to be applied in the optimization.

The flight envelope is a visual means of defining the admissible operational range
of an aircraft. It depicts the minimum and maximum flight velocities as a function
of flight altitude. A simplified version of a flight envelope as it was constructed
for selecting sizing and aileron effectiveness load cases for the stiffness optimization
process is shown in Figure 7.2. The right boundary of the flight envelope can be
generated, based only on the assumption of dive velocity VD = 381kts (CAS) and
Mach number MD = 0.89 above an altitude of 7500m. The aeroelastic stability
margin as claimed in the aircraft regulations (see also section 2.2.1) is obtained when
multiplying the velocities of the regular flight envelope with a factor 1.15. In addition
to the regular flight envelope, Figure 7.2 constitutes the dive and aeroelastic stability
margin as a function of dynamic pressure q and Mach number M .

Table 7.1: Load case definition

LC # type Ma [−] q [Pa] nz [g] H [m]
1 sym., push down, MD 0.89 21200.0 -1.0 7500
2 sym., pull up, MD 0.89 21200.0 +2.5 7500
3 sym., pull up, VD 0.58 23500.0 +2.5 0
4 antisym., roll, 1.15VD 0.67 31500.0 0.0 0
5 antisym., roll, 1.15VD 0.83 29700.0 0.0 4000
6 antisym., roll, VD 0.58 23500.0 0.0 0
7 antisym., roll, VD 0.73 22500.0 0.0 4000

Three representative structure sizing load cases were selected from the right bound-
ary of a flight envelope, marked in yellow in Figure 7.2 and listed in table 7.1, LC 1
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to 3. They incorporated pull up and push down maneuvers at limit load factors of
+2.5 g and −1.0 g, according to certification regulations.

Two load cases to obtain aileron effectiveness responses in terms of roll trims were
defined along the aeroelastic stability margin, they are marked in white in Figure
7.2 and listed as LC 4 to 5 in table 7.1. Additional roll trims in altitudes ≥ 7500m
would require Mach numbers equal to 1.0 and therefore beyond the capabilities of the
doublet lattice method. Instead, two more roll trims LC 6 and 7 were defined on the
dive velocity boundary.

7.3 Finite Element Model

The model generation process, as described in chapter 3, was applied to create an
adequate finite element model of the load carrying wing box, the dimensions of the
box are depicted in Figure 7.1. Exploiting symmetry, only one wing half had to be
considered.

Looking at Figure 7.3 an impression can be gained of the finite element model,
consisting of the lower skin, front and rear spar webs, and ribs. The top skin was
removed to demonstrate the internal setup. Aside from ribs closing the wing box
at root and tip and being positioned parallel to the free stream direction, thirteen
equidistant internal ribs with a right angle alignment with respect to the front spar
web were modeled.

skin
spar web
rib
clamping

Figure 7.3: Finite element model

In order to decrease the wing skin buckling field size and contributing to the overall
bending stiffness, seven parallel stringers starting at the wing box root were included
in the finite element model. The equidistant distribution in chordwise direction at
the wing box root with an interspace of 6%, referring to the local chord, lead to an
absolute parallel distance of ≈ 322mm. The stringers were aligned with the average
angle of front and rear spar web, corresponding to 20.3◦ with respect to the global
y-axis, as shown in Figure 7.4.

The wing was clamped at the root rib using a rigid element, as depicted in Figure
7.3 and 7.4. The central point of the clamping element is positioned on the symmetry
plane at y = 0 and is also employed as an attachment point for a central point mass,
as described below.

The element resolution in the wing skins was prescribed by the stringer and rib
pitch. Each of these zones was discretized by a single shell element, in accordance with
the chosen buckling analysis methodology as described in section 5.6.2. For proper
connectivity of finite elements in the spar webs and ribs with the wing skin elements,
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 stringer angle: 20.3° wrt. y−axis

Y

X

Figure 7.4: Top skin stringer alignment

their spanwise and chordwise element spacing had to be selected accordingly. Only
the number of elements in wing thickness direction in spar webs and ribs was free to
choose and set to one, to limit the amount of elements to a manageable size. The
stringer meshing was predetermined by the rib pitch.

Properties

All structural components except for the stringers were modeled using the same fiber
material, the ply properties of which are listed in Table 7.2.

Table 7.2: Single ply material properties

E11 E22 G12 ν12 ρ
83.0e9GPa 8.5e9GPa 4.2e9GPa 0.35 1452 kg/m3

The initial thickness distribution of the wing skins was the same for upper and
lower skin, comprising a linear variation from 20.0mm at the root to 4.0mm at the
tip and a symmetric layup with [−4522.2/ + 4522.2/9011.19/044.41]s, where the angle
subscripts denote the percentage ply thickness contribution to the overall thickness.
The ply angles were defined with respect to an axis that aligned with the average
sweep of front and rear spar and hence corresponding to the stringer alignment. The
spar shear webs were modeled with a thickness variation from 20.0mm at the root to
15.0mm at the tip and a [−4535/ + 4535/9020/010]s layup. The ribs had a constant
thickness of 8.0mm and a quasi-isotropic symmetric layup [±45/90/0]s. According
to classical lamination theory the stacking sequences were transformed to membrane
and bending stiffness matrices, as requested by the optimizer.

Stringers were modeled as bar elements and properties were kept constant through-
out the wing with the cross-sectional and material properties listed in table 7.3 and
7.4 respectively.

Table 7.3: Stringer cross-sectional properties

A I1 I2 J
1.2000e−3m2 5.8380e−7m4 1.7570e−7m4 2.1710e−8m4
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Table 7.4: Stringer material properties

E G ν ρ
143.5e9GPa 14.99e9GPa 0.392 1452 kg/m3

DLM and Coupling

The aerodynamic model, Figure 7.5 is based on the doublet lattice method, as de-
scribed in section 3.4 and generated by ModGen. No aero correction in terms of
a W2GJ matrix or a CFD correction as described in section 6.2 were applied at this
point.

To investigate aileron effectiveness, a trailing edge control surface was provided
in the outer wing, ranging from 85% to 95% of the halfspan, corresponding to y =
14.493m - 16.198m, and a depth of 20% of the local chord.

Figure 7.5: Doublet lattice model

The coupling model was based on the load reference axis definition, compare Figure
3.6 in section 3.4.3, with a slight modification. Two additional rows of coupling points
were introduced at the intersection of front and rear spar with the upper wing skin
and the ribs. Calculations showed that in this particular case a smoother distribution
of the aerodynamic forces could be achieved. The coupling model along with the ribs
to which it attaches, and the DLM mesh are shown in Figure 7.6.

coupling model
ribs

Figure 7.6: Coupling model

Mass

With the intention to demonstrate optimizer functionality rather than predications
concerning the optimized absolute numbers such as skin thickness, no additional non-
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structural masses like leading and trailing edge, engine, or fuel model were yet con-
sidered in the wing. The sole exception was a mass of 35 tons, positioned on the sym-
metry plane and attached to the clamping element fixing the wing root, to represent
an aggregation of half the remaining aircraft mass, consisting of fuselage, tailplanes
and payload.

7.4 Optimization Model

The setup of appropriate design fields and responses, along with an overview on re-
sponse and sensitivity numbers is treated in this section and specialties in the response
approximations are discussed.

7.4.1 Design Variables and Responses

Considering the upper an lower wing skin for stiffness optimization, design fields that
feature equal stiffness properties were derived according to the methodology described
in section 4.1, and are shown in Figure 7.7.

Y

X

Figure 7.7: Design fields

The wing skins were divided into 22 design fields, totaling 44 independent ma-
terials. With each field comprising thirteen design variables, the number of design
variables amounts to 572 in total. Each wing skin was composed of 84 elements,
summing up to 168 elements to be considered for strength and buckling responses.

The responses requested from Nastran for three sizing load cases as listed in
table 7.1 are shown in table 7.5(a). The amount of stress responses is a result of the
six stress responses required in the calculation of the strain and buckling responses,
compare table 4.1 on page 57, hence 168 · 3 · 6 = 3024. Despite not being restrained
or set as objective in the optimization, per sizing load case 15 twist responses were
requested for monitoring reasons, one for each central load reference axis node in a rib
plane, resulting in a multiple of 15 for the total amount of twist responses. To com-
pute aileron effectiveness response and sensitivity, two additional responses according
to equation (2.2) on page 29 are necessary. Accordingly, four aileron effectiveness
responses require the consideration of twelve Nastran responses. Along with 572
design variables this amounts to ≈ 1.8e6 sensitivities.

A similar list can be set up for the number of responses passed to the optimizer,
table 7.5(b). Considering the two most critical buckling modes per element, the
number of buckling responses is twice the number of strain failure responses. The
total number of sensitivities then sums up to ≈ 0.9e6.
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Table 7.5: Number of responses

(a) Nastran

# of weight responses 1
# of stress responses 3024
# of ail.eff. responses 4 + 8
# of twist responses 45

⇒ total: 3082

(b) optimizer

# of weight responses 1
# of strain failure responses 504
# of buckling responses 1008
# of ail.eff. responses 4
# of twist responses 45

⇒ total: 1562

7.4.2 Approximations

Instead of convexified aeroelastic response approximations, only linear approximations
of twist and aileron effectiveness were applied, table 7.6.

Table 7.6: Response approximations

strength r̃i = Φm
i : A−1

i + Ψm
i : Ai + sti∆Ni

buckling r̃i = Φb
i : D−1

i + sti∆Ni
mass m̃ =

∑
j αjhj

aileron effectiveness η̃ail =
∑
j Ψm

j : Aj + Ψb
j : Dj + αjhj

twist ϑ̃ =
∑
j Ψm

j : Aj + Ψb
j : Dj + αjhj

The strain allowables for constructing the failure envelope and calculation of the
strain failure indices are [εt, εc, γxy] = [0.55%, −0.70%, 0.60%]. These values already
account for a required safety factor of 1.5. Consequently, the load cases listed in table
7.1 are treated as limit loads.

7.5 Starting Design

Starting design in this context denotes the initial thickness and stiffness distributions
of the shell entities to be optimized. While structural data were provided in section
7.3 in conjunction with the description of the finite element properties, the focus of
this section will be the visual implementation and the consequent initial structural
responses.

The starting design for all subsequent optimizations is illustrated in Figure 7.8,
with the initial thickness distribution of the wing skins as shown in Figure 7.8(a).
As described in section 7.3, the thickness varied linearly in span direction. Shown
in Figure 7.8(b), for each field in the upper skin, is a polar plot of the thickness
normalized engineering modulus of elasticity. Its derivation was described in section
1.1.3, equation (1.31) on page 12. The x-axis of the material coordinate system,
corresponding to the 0◦ direction, is indicated with a black solid line. As can be
seen from the plot in Figure 7.8(b), the main stiffness in the starting design lies
in the 0◦ direction, resulting from the initial layup having the majority of fibers in
0◦. The lower side resembles the upper one, so no graphical representation needs
to be provided. A detailed explanation on the stiffness distributions to be expected
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for prescribed stacking sequences was provided in section 1.1.3, where Figure 1.5(f)
on page 13 already introduced the starting design stiffness distribution depicted in
Figure 7.8(b). It should be noted that this type of stiffness representation will later
on constitute an important contribution to the assessment of optimized designs.

Y
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h,
 m

m
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10

15

20

(a) thickness

(b) Ê11(θ), upper skin

Figure 7.8: Starting design, thickness and stiffness distribution

Based on an agreement on structural properties and along with the load cases
summarized in table 7.1, the structural and aeroelastic responses could be computed,
the former ones being depicted in different ways in Figure 7.9 and 7.10. Strain and
buckling failure indices, as derived in sections 5.6.1 and 5.6.2, are shown in Figure
7.9(a) and 7.9(b) for load cases 1 and 2 in a two-dimensional representation. Element
numbers 1 to 84 belong to the upper skin, element numbers 85 to 168 to the lower skin;
inner to outer wing respectively. While failure indices for the nz = −1.0 g maneuver
LC 1, Figure 7.9(a), remain markedly below the upper limit of r = 1.0, the failure
indices for the nz = +2.5 g maneuver LC 2, Figure 7.9(b), increase noticeably. Due
to the close resemblance with results from LC 2, LC 3 failure indices are not shown.
All elements staying within the feasible region and featuring more or less uncritical
failure indices indicates a considerable margin of possible weight improvement, the
reason being that unstressed elements suggest a material excess. More insight into
this will be given in the optimization result descriptions in sections 7.7 and 7.8.

Another method for visualizing failure indices is shown in Figure 7.9(c) and 7.9(d).
These plots depict, for each element under consideration, the most active constraint
in all three sizing load cases, on a color scale ranging from strain, “Str.”, red color,
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to buckling, “Buckl.”, blue color, for upper and lower skin respectively. In the case
where both failure indices, strain and buckling, are close, this is indicated by a color
change to yellow. Figure 7.9(c), upper skin, for instance features a transition from
mainly strain failure indices in the inner wing to buckling failure indices in the outer
wing. This is reflected in the two-dimensional failure index plot Figure 7.9(b), which
showed that LC 2 gives larger failure indices than LC 1, and that in the upper skin,
outer wing, buckling failure indices surmount strain failure indices. Plots of the type
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Figure 7.9: Starting design, failure indices

shown in Figure 7.9(c) can also be generated for single load cases, in which case they
basically constitute a three-dimensional representation of Figure 7.9(a). The missing
information on the magnitude of the failure index is covered by the color intensity.
The lighter the color, the lower the maximum failure index. It is important to note
that during the optimization eventually within each design field only the element
with the highest failure index will primarily drive the thickness and stiffness sizing of
the corresponding field unless more than one element outgoes the feasible response
region and violates the constraint. In that case the violating elements will share
the contribution to the design step. With that said, Figure 7.9(e) and 7.9(f) finally
constitute the critical failure types not on element, but on field level, thus allowing for
the determination of the dominant and sizing relevant structural failure constraints.
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Figure 7.10: Starting design, sizing load cases

Instead of concentrating on the failure type, another way of evaluating and vi-
sualizing the failure indices is to sort them according to load cases. The sizing load
cases that provoke the highest failure index within a design field and therefore drive
the optimization are depicted in Figure 7.10(c) and 7.10(d). Clearly, for the starting
design load case 2 generates the largest failure indices throughout the entire upper
and lower skin. Figure 7.10(a) and 7.10(b) eventually denote the failure load case on
element, rather than on field level.

7.6 Sensitivity Check

A brief introduction to the Nastran methodology of computing response sensitivities
with respect to the design variables was given in section 4.4. In order to review
the process of importing, sorting and processing of Nastran sensitivities effectively,
in this section the comparison of sensitivities emanating from Nastran and finite
differences is outlined.

Sensitivity generation with finite difference involves the variation of a design vari-
able x by an amount ∆x and the corresponding change in the considered response f .
A central scheme of second order accuracy, equation (7.1):

∂f

∂x

∣∣
x0

=
f(x0 + ∆x)− f(x0 −∆x)

2∆x
+O(∆x2) , (7.1)

was used to compute the sensitivities.

To this end, the previously described starting design in combination with load
case 2, table 7.1, was considered for a variation of the stiffness parameters belonging
to design field 1, Figure 7.11.

Sensitivities were considered for all thirteen design variables emanating from the
fields stiffness description. Both stiffness matrices, Â and D̂ were varied by an incre-
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Figure 7.11: Design field 1

ment relating to their trace, equations (7.2) and (7.3):

∆Â =
1

h
(trace(A) ∗ ε) , (7.2)

∆D̂ =
12

h3
(trace(D) ∗ ε) , (7.3)

where ε controls the incremental step size, as discussed below. A modified element in
the stiffness matrices simply becomes:

Âij
∣∣
new

= Âij + ∆Â , (7.4)

D̂ij

∣∣
new

= D̂ij + ∆D̂ , (7.5)

where subindices ij denote the six independent elements within each stiffness matrix.
The thickness was varied accordingly, equation (7.6):

∆ĥ = ĥ ∗ ε , (7.6)

ĥ|new = ĥ+ ∆ĥ . (7.7)

The dependence of stiffness matrices A and D on thickness ĥ requires a modifi-
cation of the normalized stiffness matrices Â and D̂, compare equation (1.27) and
(1.27) on page 10:

Â
∣∣
new

= Â
ĥ

ĥ|new
, (7.8)

D̂
∣∣
new

= D̂
ĥ3

ĥ3|new
. (7.9)

Equations (7.8) and (7.9) ensure invariable stiffness matrices A and D when con-
sidering the derivation of sensitivities with respect to thickness. Increments were
controlled by variable ε, which was set to 0.05 for all finite difference calculations.
Smaller values for ε did not cause considerable changes compared to the one selected.

The force resultant Ni in each element i belonging to a design field was selected
for the sensitivity check. Ni is computed with shell stresses derived from Nastran
according to equation (5.43) and repeated here for ease of reading:

Ni =
1

2
ĥi
(
σui + σli

)
. (7.10)

Figure 7.12, 7.13 and 7.14 exemplify the sensitivities of stress resultant component
Ny with respect to A, D and h respectively, as a function of element number. Ele-
ments belonging to design field 1, hence the field with varying stiffness, are marked
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Figure 7.12: ∂Ny/∂A, upper skin
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Figure 7.13: ∂Ny/∂D, upper skin
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Figure 7.14: ∂Ny/∂h, upper skin

with a blue circle. To preserve clarity, the plots are limited to upper skin elements
only.

As indicated in Figure 7.12, the Nastran sensitivities with respect to membrane
stiffness matrix A match very well with the results obtained with finite difference,
except for the coupling terms A13 and A23, for which the Nastran sensitivities are
zero. Sensitivities with respect to the bending stiffness display some deviations, Fig-
ure 7.13. Again, the Nastran sensitivities for coupling terms D13 and D23, are zero
except for a few discrete points. The reason for the deviations can be found in the
very small dependence of the stress resultant on the bending stiffness and accom-
panying numerical issues. However, the wing skins being loaded almost exclusively
as membrane rather than bending elements, considerably diminishes the influence
of the corresponding bending stiffness sensitivities. Nastran and finite difference
sensitivities with respect to thickness, Figure 7.14, match again quite closely.

The coupling sensitivities with respect to A13 and A23 as well as D13 and D23 being
zero is the result of a Nastran deficiency, as will be demonstrated in the following.
The most prominent feature of a balanced laminate, as it was modeled in the wing
skins starting design, section 7.5, is the fact that no coupling of in-plane normal strain
εx, εy and shear strain γxy, and no coupling of out-of-plane bending κx, κy and twisting
κxy exists (compare section 1.1.1). Accordingly, stiffness matrix elements A13 and A23

respectively D13 and D23 are zero. Nevertheless, the sensitivities with respect to those
terms are not. For that reason, an additional investigation with the wing skin starting
design stacking sequence tilted by 5◦, hence [−4022.2/ + 5022.2/ − 8511.19/544.41]s
was considered, thereby slightly unbalancing the stiffness matrices. The sensitivity
results for membrane stiffness sensitivities are shown in Figure 7.15. Clearly, also the
Nastran off-diagonal sensitivities with respect to A13 and A23 now closely resemble
the finite difference results.
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Figure 7.15: ∂Ny/∂A, unbalanced laminate, upper skin
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Optimizations featuring balanced laminates will not be influenced by the false
Nastran sensitivities, since coupling terms will remain zero throughout the opti-
mization. Optimizations featuring unbalanced laminates in contrast require sensitiv-
ities with respect to the coupling terms, in which case a rotation of initially balanced
starting designs needs to be considered.

7.7 Numerical Results: Mass Minimization

In a first application the wing skin mass was minimized while applying strain and
buckling constraints to each element belonging to a design field and for the sizing
load cases stated in table 7.1. In addition, aileron effectiveness was constrained to
values larger than zero to prevent aileron reversal. In the following sections the results
for balanced and unbalanced stiffness matrices are depicted.

The results were confirmed using calculations starting from a different initial de-
sign, comprising altered starting stiffnesses and thicknesses. For most of these cases
the differences in objective function value were within the accuracy of the stopping
criterion defined in Equation (5.3) on page 64; δstop was set to 0.001, equivalent to
an upper limit of 0.1% change in subsequent successful iteration steps. The majority
of the design fields showed similar principal stiffness distributions for different opti-
mization runs. Only very few fields exhibited deviations in stiffness distribution or
thickness, and if so, in less loaded regions only. Clearly, the fewer constraints active
in a field, the more design freedom is given to the optimizer without influencing the
objective.

7.7.1 Balanced Laminates

The essence of a stiffness optimization, aside from general characteristics like ser-
viceability, reproducibility and robustness, certainly lies in the achievable quantity
of the response defined as the objective. Consequently, the development of the mass
objective as function of the iteration steps is depicted in Figure 7.16. As the plot
shows, the starting design comprised a wing skin mass of 1122 kg, which was opti-
mized to a minimum of 522 kg after 28 iteration steps. While the largest weight saving
steps occurred within the first ≈ 8 iterations, the optimization continued with smaller
improvements until the convergence criterion was fulfilled.
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Figure 7.16: Mass development, balanced laminates

The corresponding optimized skin thickness distribution is shown in Figure 7.17.
From this plot it can be seen that local increases of stress in an element, especially in
the vicinity of ending stringers, led to local thickening of an entire field.
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Figure 7.17: Optimized design, thickness distribution, balanced laminates

Figure 7.9(a) and 7.9(b) indicated a weight saving potential for the starting design
based on the margin of the failure indices with respect to a failure limit of 1.0. The
failure indices of load case 1 and 2 for the optimized design are depicted in Figure
7.18. The plots demonstrate a considerable change in the utilization of all elements.
For the −1g push down load case 1, Figure 7.18(a), most buckling indices in the lower
skin, elements 85-168, reach the limit value of 1.0, also a few elements in the outer
wing, upper skin, exhibit increased buckling failure indices. The fieldwise clustering
of elements impedes that all elements can reach the limit. The strain failure indices
for LC 1 however stay below 0.5 and do not affect the design. The +2.5g pull up
load case 2, shown in Figure 7.18(b), apparently causes a considerable influence on
the structural layout by providing failure indices close to 1.0 throughout the entire
wing. Buckling constraints clearly dominate the upper skin, while strain failures are
active only in the inner wing, upper and lower skin.
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Figure 7.18: Optimized design, failure indices, balanced laminates

Looking at Figure 7.19 it becomes clear, which failure type bears the largest
influence in the structural layout of the wing skins by summarizing the failure indices
of all sizing load cases. Red elements indicate mainly strain and blue mainly buckling
failure index dominated elements. It was chosen for a element rather than fieldwise
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representation. The plots indicate that both, upper and lower skin are dominated by
buckling constraints, while exhibiting nearly equal failure modes in an intermediate
region, accented in yellow. Only few regions exist with predominant strain failure,
mainly in the lower skin. In principal, Figure 7.19 reflects the results discussed in
Figure 7.18.
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Figure 7.19: Optimized design, failure type per element, all load cases, balanced laminates

Finally the load cases featuring the highest failure index within a design field are
highlighted in Figure 7.20, therefore driving the structural sizing in this particular
region. As already shown in the two-dimensional representation given in Figure 7.18,
the +2.5g pull up load case 2 is responsible to a great extent for the highest failure
indices in the upper wing skin, while the −1g push down load case 1 dominates, with
a few exceptions, most of the lower wing skin. The second +2.5g pull up load case
3, which was not shown in Figure 7.18 due to its slightly lower failure indices when
compared to LC 2, apparently does contribute to the maximum failure indices, albeit
only in one design field of the lower skin.
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Figure 7.20: Optimized design, sizing load case per field, balanced laminates

The most prominent and also dominant design feature when dealing with fiber
composites is the directional dependence of stiffness, hence the polar stiffness distri-
bution. In addition to the final thickness distribution shown in Figure 7.17, Figure
7.21 depicts the optimized polar stiffness distribution in each design field by repre-
senting the thickness normalized engineering modulus of elasticity, as derived from
the membrane stiffness matrix according to equation (1.31) on page 12. The distribu-
tions being symmetric with respect to the material coordinate axis, drawn in black,
is a direct result of the restriction to balanced laminates.

The stiffness distributions reveal the consequence of a mainly buckling dominated
optimization without constraints on twist or deflection. As a result of strain allowables
and buckling field size, the main stiffness directions for the mass minimal design were
no longer pointing in the span direction but rather at angles of ≈ ±45◦ to ±75◦ with
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(a) lower skin

(b) upper skin

Figure 7.21: Optimized design, Ê11(θ), balanced laminates

respect to the material coordinate system. Only the root region of the wing on the
lower side, experiencing the largest tensile strains in +2.5g pull up maneuvers, still
had the main stiffness direction aligned with the spanwise direction.

The aileron effectiveness constraint did not become active during the optimization,
Figure 7.22. The smallest ηail = 0.0086 occurred for load case 5. The convergence
towards a cross-ply alike stiffness distribution with ≈ ±45◦ main stiffness direction
promoted an increase of the torsional stiffness and helped to maintain aileron effec-
tiveness, compare section 2.2.1.

7.7.2 Unbalanced Laminates

The change from balanced to unbalanced laminates corresponds to a considerable
change in the design philosophy, since it both introduces the possibility of additional
coupling mechanisms among the in or out-of-plane degrees of freedom, and it allows
for a full adjustment of the major stiffness direction. While balanced laminates remain
symmetric in their stiffness properties with respect to the material coordinate system
they are defined for, unbalanced laminates are not bound to symmetry.

The increased design space is reflected in a lamination parameter quantity dou-
bling. Equation (1.30) on page 11 in section 1.1.2 showed that only the invariants Γ2
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Figure 7.22: Aileron effectiveness ηail development, balanced laminates

and Γ4 add stiffness matrix terms coupling strain and shear or bending and twisting.
Other than for balanced laminates, these matrices can now contribute to the stiffness
distributions.

Minimizing the wing skin mass with unbalanced laminates thus leads to an opti-
mized weight of 486 kg compared to 522 kg with balanced laminates. This corresponds
to ≈ 7% weight saving. The convergence history of skin mass is shown in Figure 7.23.
Whenever a constraints is violated, mass is either kept constant or increased until
the design resides again in the feasible region, as indicated by the horizontal steps
in Figure 7.23. More iterations steps are required to reach convergence compared
to the balanced laminate optimization. Nevertheless, this behavior is not generally
valid, since depending on the starting point, some optimizations converge faster than
others.
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Figure 7.23: Mass development, unbalanced laminates

The optimized thickness distribution in two- and three-dimensional representa-
tions are depicted in Figure 7.24. Looking at Figure 7.24(a), the upper skin elements
1 to 84 exhibit considerably larger thicknesses than the lower skin elements. This
emphasize the effect of buckling loads predominantly sizing the structure. While the
lower skin is dominated by buckling constraints in the −1.0g push down maneuver LC
1, the upper skin is dominated by buckling constraints in the +2.5g pull up maneuver
LC 2, leading to increased thicknesses.

The failure indices shown in Figure 7.25, resemble the balanced results in Figure
7.18, however, even more buckling indices approach the critical value of 1. This is
also reflected in the failure type accounting for the highest failure index, Figure 7.26.
Other than for Figure 7.19, a fieldwise rather than an elementwise display was chosen,
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Figure 7.24: Optimized design, thickness distribution, unbalanced laminates
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Figure 7.25: Optimized design, failure indices, unbalanced laminates
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Figure 7.26: Optimized design, failure type per field, all load cases, unbalanced laminates
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considering the overall largest failure index per design field and all sizing load cases.
Only one field in the upper skin with surpassing strain failure remained. All the other
fields were sized predominantly by buckling (blue) or a mix of buckling and strain
(yellow).

The aileron effectiveness constraint demands no aileron reversal (ηail ≥ 0) for all
the investigated roll load cases and was just reached at the end of the mass optimiza-
tion, Figure 7.27. Other than for the balanced optimization, ηail thus becomes an
active constraint.
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Figure 7.27: Aileron effectiveness ηail development, unbalanced laminates

Finally, the most prominent difference between balanced and unbalanced laminates
in terms of the optimized stiffness distribution in upper and lower wing skin is depicted
in Figure 7.28. While the main stiffness direction in the lower skin mainly points
forward and thus promotes a bending-torsion coupling that reduces the angle of attack
when bending the wing up, the upper skin does not show any dedicated orientation.
Again, this is a result of the upper skin being influenced mainly by buckling constraints
in the +2.5g pull up maneuver LC 2, in which case the stiffness distribution is adjusted
so to limit the failure index in combination with the objective to achieve.

The reason for weight savings of unbalanced over balanced laminates is shown in
Figure 7.29, where the spanwise twist distributions in the +2.5g pull up maneuver LC
2 are compared. A considerably lower twist in the outer wing can be achieved with
unbalanced laminates, which in turn leads to an inboard shift of the load distribution
and hence lower bending moments towards the wing root. As a consequence, the
material required to carry the loads is reduced by the optimizer. It is important to note
that the twist distributions in Figure 7.29 do not reflect what is usually to be expected
for a backward swept wing. The rational for this is that the uncorrected doublet lattice
method disregards airfoil twist moments. The aerodynamic force acting in the quarter
chord, and therefore in front of the elastic wing axis, twists the wing positive, while
geometric coupling in an upward bending wing would lead to a negative twist.

An elaboration on the coupling mechanism and aeroelastic effects caused by tilted
main stiffness directions will be given in chapter 8, in which the influence of aeroelastic
constraints on the achievable minimum weight for a forward swept wing is discussed
in detail.
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(a) lower skin

(b) upper skin

Figure 7.28: Optimized design, Ê11(θ), unbalanced laminates
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Figure 7.29: Twist comparison for LC 2
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7.8 Numerical Results: Aileron Effectiveness Maximization

In order to demonstrate the full functionality of the aeroelastic response optimization,
instead of mass, aileron effectiveness was set as the objective for maximization, that
is minimization of the negative aileron effectiveness, see also section 5.7.1. The mass
optimized designs lead to 522 kg and 486 kg skin mass for balanced and unbalanced
laminates respectively. To provide a margin for aileron effectiveness improvements,
the mass was now constrained to 650 kg for both, balanced and unbalanced laminate
wings. The same starting design as for the previous mass minimization, see section
7.5, was applied for the present investigation, keeping in mind that the mass constraint
will initially be violated. A typical development of mass in the iteration procedure
as resulting from the balanced laminate optimization is shown in Figure 7.30. The
optimizer first tried to shift the design into a feasible region, before it started to
minimize the objective function.
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Figure 7.30: Mass development, balanced laminates

7.8.1 Balanced Laminates

The aileron effectiveness development for the load case with the lowest magnitude is
shown in Figure 7.31. In the mass minimization study the minimum aileron effec-
tiveness occurred for load case 5, ηail = 0.0086. In the present study, the optimizer
achieves an increase of the most critical aileron effectiveness, again load case 5, to
ηail = 0.0357.
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Figure 7.31: Aileron effectiveness ηail development, balanced laminates

Granting a mass reserve with respect to the mass optimal design, the strain and
buckling failure indices shown in Figure 7.32 indicate lower overall exploitation of the
material. Structural failure is still active throughout the entire wing, yet not as many
elements reached the allowable limit as before. This is a direct consequence of the
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new objective function, which applies the disposable material such as to maximize
aileron effectiveness. Accordingly, the thickness distribution, shown in Figure 7.33,

20 40 60 80 100 120 140 160
0

0.2

0.4

0.6

0.8

1

1.2

element number

fa
ilu

re
 in

de
x

LC 1, strainLC 1, buckling

(a) LC 1

20 40 60 80 100 120 140 160
0

0.2

0.4

0.6

0.8

1

1.2

element number

fa
ilu

re
 in

de
x

LC 2, strainLC 2, buckling

(b) LC 2

Figure 7.32: Optimized design, failure indices, balanced laminates

demonstrates features that do explain the constructive application of the available
material. The effective sweep angle of the elastic axis in the inner wing is reduced by
increasing the skin thickness in the wing box front in the mid span area, to cause a
forward shift of the shear center. Accordingly, the increment in negative twist for an
increment in upward bending is reduced, which helps to maintain aileron effectiveness;
details on which were provided in section 2.2.1.
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Figure 7.33: Optimized design, thickness distribution, balanced laminates

Nevertheless, the most prominent contribution to achieve maximum aileron effec-
tiveness results from the stiffness distribution, see Figure 7.34. In both, the upper and
lower wing skin, the optimizer converges to laminates providing extensive torsional
stiffness, which in turn leads to the highest possible aileron effectiveness in the case
of balanced laminates. This is achieved by lowering the twist deformation resulting
from the additional twisting moment induced by the aileron deflection. The torsional
stiffness increase is clearly indicated by the symmetrically aligned main stiffness di-
rection at angles of ≈ ±40◦ to ±50◦ with respect to the material coordinate system
in the mid and outer wing. Accordingly, a comparison with the stiffness distribution
in Figure 1.5(d) on page 13 suggests a predominant application of ±45◦ plies.
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(a) lower skin

(b) upper skin

Figure 7.34: Optimized design, Ê11(θ), balanced laminates

7.8.2 Unbalanced Laminates

The full potential of composites in aeroelastic tailoring applications can be tapped
when switching from balanced to unbalanced laminates. Unbalancing allows for mech-
anisms such as bending-torsion coupling and therefore can provide a valuable contri-
bution to improving passive structural deformation behavior, as will be shown in the
following.

The aileron effectiveness development of the lowest, most critical roll load case
5 is depicted in Figure 7.35. While in case of balanced laminates the maximization
lead to an effectiveness of ηail = 0.0357, Figure 7.31, the application of unbalanced
laminates results in a considerable increase in the objective to ηail = 0.0508.

As an alternative to the two-dimensional representation of failure indices, the
fieldwise strain and buckling failure types are displayed in Figure 7.36. Other than
for mass minimization, Figure 7.26, as a consequence of the additional mass available
a considerable portion of the fields featured larger failure indices in strain than in
buckling. The resulting thickness resembles the one obtained for the balanced case,
Figure 7.33, and is skipped accordingly.

The considerable increase in aileron effectiveness to the largest extent can be as-
signed to the stiffness distribution, depicted in Figure 7.37(a). In order to maximize
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Figure 7.35: Aileron effectiveness ηail development, unbalanced laminates
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Figure 7.36: Optimized design, failure type per field, all load cases, unbalanced laminates

aileron effectiveness, the maximum stiffness direction is tilted backwards on both the
upper and lower skin. Thereby bending-torsion coupling is introduced, causing the
wing to twist to larger angles of attack when bending upwards and thus providing a
favorable effect for aileron effectiveness. The enormous influence of bending-torsion
coupling on the twist distribution is shown in Figure 7.38 for the +2.5g pull up maneu-
ver load case 2, as opposed to the twist distribution resulting from mass minimization
for the same load case, Figure 7.29, page 123. While the increase in torsional stiff-
ness with balanced laminates leads to a decrease in tip twist, the tip twist for the
unbalanced case increases considerably.

An explanation of how the coupling effects mechanically are obtained is shown
in Figure 7.39 for two different coupling cases, one with the main stiffness in both
skins directed backward and one with the main stiffness directed forward. Bending
the wing up results in compression and tension forces in upper an lower wing skin
respectively, which, depending on the direction of the strain shear coupling in the
membrane stiffness matrix, will introduce an opposite shear deformation of upper and
lower skin. Compatibility of upper and lower skin via the presence of ribs however
forces the cross sections to be maintained, so that in conclusion the structure sidesteps
by twisting nose up, Figure 7.39(a) or nose down, Figure 7.39(b). Defining a coupling
index Ξ as a derivative of twist with respect to z-deflection:

Ξ =
∂α

∂z
, (7.11)

a positive deflection resulting in increased twist, denoted wash-in, is characterized
by a positive couping index, while a twist decrease, denoted wash-out, reflects in
a negative coupling index. Clearly, considering the stiffness distribution shown in
Figure 7.37(b), it is the mechanism shown in Figure 7.39(a) that drives the increase
in twist and thus aileron effectiveness maximization.
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(a) lower skin

(b) upper skin

Figure 7.37: Optimized design, Ê11(θ), unbalanced laminates
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Figure 7.38: Twist comparison for LC 2
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Figure 7.39: Bending-torsion coupling

7.9 Summary

A detailed application of the composite stiffness optimization process including aeroe-
lastic constraints was presented in this chapter. Based on laminate stiffness matrices
as design variables, the parameterized setup of a shell finite element model and op-
timization model was described. A generic wing was designed, serving as a test case
to prove the efficacy of the optimization process, including aileron effectiveness as
constraint or objective function.

The optimizer was shown to yield efficient convergence behavior for mass and
aileron effectiveness optimization. The optimized designs showed a simultaneous uti-
lization of strength and buckling constraints in a majority of the optimized panels, in-
dicating maximum material exploitation. The advantage of unbalanced over balanced
laminates was elaborated, demonstrated by considerable savings when minimizing the
mass, or aileron effectiveness benefits while constraining mass.
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CHAPTER 8

Aeroelastic Optimization of a Forward Swept Wing

“I skate to where the puck is going to be, not where it has been.”

Wayne Gretzky

Forward swept wings with their beneficial influence on laminar flow, and therefore
drag reduction and performance increase, have recently seen a resurgence in inter-
est from the research community and industry. The unfavorable structural behavior
of such wings resulting from the coupling of bending and torsion, however, aggra-
vates the problem of designing a wing that can aerodynamically outperform classical
designs. Yet, in conjunction with matured production technologies in the field of
automated fiber placement and steering, new opportunities are arising to deal with
these detrimental aeroelastic effects.

The first investigations into the selective application of composite material in
forward swept wings for the purpose of divergence elimination were performed in
the mid 1970′s by Krone [Kro75]. He showed that, by tailoring the properties of the
material used in a wing, a considerably lower structural wing weight could be obtained
compared to equivalent aluminum wings, even for large sweep angles. This work was
extended by Weisshaar [Wei80; Wei81], who has done detailed investigations into the
effect of the spanwise stiffness distribution and bending-torsion coupling on divergence
velocity, aileron effectiveness and spanwise center of pressure. Librescu et al. [Lib92]
investigated aeroelastic tailoring effects for large aspect ratio forward swept wings by
means of a thin-walled composite beam, while Ringertz [Rin94] studied the influence
of divergence and flutter constraints on the minimum achievable weight of swept back

This chapter is based on the paper, Static Aeroelastic Stiffness Optimization and Investigation of

Forward Swept Composite Wings by J.K.S. Dillinger, M.M. Abdalla, T. Klimmek, & Z. Gürdal,

[Dil13a], which was presented at the 10th World Congress on Structural and Multidisciplinary

Optimization, Orlando, Florida, 2013. Note: symbols may have been changed to maintain

consistency throughout this thesis.
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and swept forward composite wings featuring laminate thickness as design variables.
A detailed investigation of the influence induced by bending stiffness optimization on
critical flutter and divergence speed, especially the contribution of bending-torsion
coupling for a composite plate wing, is provided by Kameyama et al. [Kam07]. Using
lamination parameter it is shown that the impact of sweep on optimized wing weight
is considerably reduced when taking out-of-plane coupling into account.

Having established the functionality of the optimization process in the previous
chapter, the research presented in this chapter is aimed at a detailed investigation of
the influence exerted by aeroelastic constraints on the optimized wing skin mass of
swept forward composite wings.

The wings were allowed to have variable stiffness, i.e., a varying thickness and stiff-
ness matrices in the wing skins, and the use of balanced and unbalanced laminates was
considered. Aside from common mass and stress responses, the aeroelastic responses
aileron effectiveness, divergence and wing twist are incorporated. Taking mass as an
objective function, different sets of constraints on the structural and aeroelastic re-
sponses are investigated. The influence of minimum aileron effectiveness, divergence
pressure and twist on the wing skin mass are analyzed. Load alleviation is a di-
rect consequence of the mass objective and inherent to optimization with aeroelastic
loads. Therefore, it is not necessary to consider it explicitly as a response. The essen-
tial difference of balanced and unbalanced laminates with their effects on mass and
stiffness distribution is presented, and the influence of leading edge sweep angle on
the optimized skin masses is investigated, subject again to variable sets of constraints.

To that end, according to the geometry outline described in section 8.1, finite
element models with variable sweep angles were generated, comprising distributed
fuel masses, non-structural masses and thus multiple mass cases, details of which are
presented in section 8.3. Details and special features related to the optimization model
are discussed in section 8.4. The influence of the three aeroelastic constraints aileron
effectiveness, divergence and twist on wing skin mass is investigated and summarized
in sections 8.6 to 8.8, followed by some general remarks on stringers in section 8.9.

8.1 Model Description

The wing dimensions were inspired by the research conducted in the DLR project
LamAiR [Sei11; Kru12] in which the aim was to develop an A320 like configuration,
featuring a forward swept wing with increased laminar flow regimes for reduced skin
friction drag, and rear mounted engines. The absolute leading edge sweep required
to obtain similar transonic pressure drag behavior for a backward as for a forward
swept wing is considerably lower for the latter one. The decrease in cross flow as
a result of decreased sweep angle helps to postpone the transition from laminar to
turbulent flow, therefore promoting a forward swept wing when aiming at increased
aerodynamic performance. The wing geometry and the position of the load carrying
wing box within the planform are depicted in Figure 8.1. The initial leading edge
sweep angle was ξ = −16.8◦. In order to investigate the influence of sweep angle on
the optimized wing skin masses, two additional wings were modeled with sweep angles
of −10.0◦ and −3.2◦, respectively. All other parameters like span, root and tip chord,
and therefore the wing area of 131.1m2, box-position and aileron location remained
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Figure 8.1: Planform and wing box dimensions

unchanged, ensuring the comparableness between the designs. The dihedral was fixed
to 4.0◦. The applied airfoils exhibited a thickness variation from ≈ 14% at the wing
root to ≈ 11.5% at the tip, along with a spanwise decreasing camber of ≈ 2.0− 1.2%.

8.2 Flight Envelope and Load Cases

An introduction to the regulatory background that stipulates the load case matrix
consisting of a combination of flight velocity, flight altitude, mass cases and center
of gravity, and aircraft configuration, was provided in section 7.2. While the same
argumentation also applies to the present aircraft, in contrast to the previous example
more cases and a more detailed mass model was considered, details of which will be
provided in section 8.3.

The flight envelope as it was derived only based on the assumption of dive velocity
VD = 395kts (CAS) and Mach number MD = 0.87 above an altitude of 6700m,
along with the aeroelastic stability margin is depicted in Figure 8.2. In addition to
the regular flight envelope, Figure 8.2 constitutes the dive and aeroelastic stability
margin as a function of dynamic pressure q and Mach number M . The flight envelope
was employed for the derivation of meaningful load cases. To that end, symmetric
maneuver load cases are marked in yellow, cruise load case in green, and rolling load
cases in white. An overview on the selected cases is provided in table 8.1.

The four sizing load cases (1−4) corresponded to flight conditions on the admissible
flight range boundary with variable altitude and load factor. The cruise load case (7)
corresponded to the design Mach number and altitude. Aileron effectiveness, load
cases (12 − 13), was calculated for velocities 15% above the admissible flight range
velocities, and for the dive Mach number in case of velocities that would clearly violate
the admissible range of the doublet lattice method, load case (14 − 15). Finally,
divergence pressure qdiv was tested for the dive Mach number, load case (16).
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Table 8.1: Load case definition

LC # type Ma [−] q [Pa] nz [g] H [m]
1 sym., push down, VD 0.597 25300 -1.0 0
2 sym., pull up, VD 0.597 25300 +2.5 0
3 sym., push down, MD 0.870 22700 -1.0 6700
4 sym., pull up, MD 0.870 22700 +2.5 6700
7 sym., cruise, MD 0.780 9700 +1.0 11900
12 antisym., roll, 1.15VD 0.690 33800 0
13 antisym., roll, 1.15VD 0.860 31900 4000
14 antisym., roll, VD 0.870 22700 6700
15 antisym., roll, VD 0.870 12000 11900
16 divergence, VD 0.870

8.3 Finite Element Model

The parametric model generator ModGen as described in chapter 3, was used to
generate the Nastran finite element models of the load carrying wing box. Mod-
Gen’s parametric structure allowed for a simple variation of the sweep angle by only
a few changes in the standardized text input file.

An overview on the finite element model for a sweep angle of ξ = −16.8◦ is provided
in Figure 8.3. The model was clamped at the wing root using a rigid element. As
indicated by the plot, several non-structural masses were attached to the wing box,
as will be discussed in more detail hereafter. In total 25 ribs, including the ones at
root and tip, were modeled and distributed equidistant in spanwise direction. They
were aligned parallel to the free stream and thus to the global x-axis.

X

Y

skin
spar web
rib
clamping
front/rear mass
fuel mass

Figure 8.3: Finite element model

Stringers extended parallel to the front spar in spanwise direction, a 3% stringer
pitch with respect to the root chord, measured in chordwise direction is shown in
Figure 8.4. With the front spar swept forward by ≈ −18.5◦, the result was an absolute
parallel stringer distance of ≈ 149mm in case of ξ = −16.8◦ leading edge sweep.

The element distribution in the wing skins was again predetermined by the stringer
and rib distance. Each of these fields was discretized by a single shell element, as
required by the buckling analysis methodology. One element was considered in wing
thickness direction, affecting only ribs and spar webs.
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stringer parallel to front spar

Y

X

Figure 8.4: Top skin stringer alignment

Properties

With a few exceptions, the structural properties resembled those applied in the pre-
vious application, chapter 7. All the structural components except for the stringers
were modeled using the same fiber material, the ply properties of which are listed in
Table 8.2.

Table 8.2: Single ply material properties

E11 E22 G12 ν12 ρ
83.0e9GPa 8.5e9GPa 4.2e9GPa 0.35 1452 kg/m3

The initial thickness distribution of the wing skins was the same for upper and
lower skin, comprising a linear variation from 25.0mm at the root to 5.0mm at the
tip and a symmetric layup with [−4522.2/ + 4522.2/9011.19/044.41]s, where the angle
subscripts denote the percentage ply thickness contribution to the overall thickness.
The ply angles were defined with respect to an axis that aligned with the average sweep
of front and rear spar. The spar shear webs were modeled with a thickness variation
from 20.0mm at the root to 15.0mm at the tip and a [−4535/ + 4535/9020/010]s
layup. The ribs had a constant thickness of 8.0mm and a quasi-isotropic symmetric
layup [±45/90/0]s. According to classical lamination theory the stacking sequences
were transformed to membrane and bending stiffness matrices, as requested by the
optimizer.

Stringers made of titanium were modeled as bar elements and properties were kept
constant throughout the wing using the cross-sectional and material properties listed
in table 8.3 and 8.4 respectively.

Table 8.3: Stringer cross-sectional properties

A I1 I2 J
6.079e−4m2 1.715e−7m4 1.808e−7m4 6.291e−9m4

DLM and Coupling

The doublet lattice model along with the coupling model required to link it to the
finite element model is depicted in Figure 8.5.
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Table 8.4: Stringer material properties

E G ν ρ
88.32e9GPa 32.61e9GPa 0.354 4058.3 kg/m3

As shown in Figure 8.1, an aileron with a hinge line 0.1m aft of the rear spar was
placed in the outer wing, ranging from y = 16m - 17.5m and activated for the aileron
effectiveness responses.

In addition to the three coupling nodes belonging to the load reference axis, com-
pare section 3.4.3, two additional points per rib on front and rear spar were selected.
Accordingly, five structural nodes per rib plane exist, which were coupled to the
aerodynamic model via Nastran SPLINE1 cards.

Y
X coupling model

ribs

Figure 8.5: Coupling model and DLM

The doublet lattice model was enhanced by the consideration of a W2GJ correction
matrix generated by ModGen, based on the two-dimensional airfoil shapes applied in
the definition of the aerodynamic wing contour. The process was discussed in detail
in section 6.2.1.

Mass

The mass model that was developed for a flexible mass case generation along with
the ModGen model basically consisted of four parts:

1. wing structural mass: inherent in the finite element model of the load car-
rying wing box

2. non-structural mass: weight that is not captured with the ModGen finite
element model, like leading edge structure, high lift devices, flaps, ailerons, local
reinforcements, actuators and so forth

3. fuel mass: wing tank fuel model

4. remaining mass: summation of other aircraft components such as fuselage
and tails to achieve a mass model for the right half of the aircraft

The first point was covered by the finite element model, the second one required an
estimation based on the type of aircraft and wing dimensions. The spanwise masses
that were assumed to summarize the non-structural masses in front and aft of the
wing box are plotted in Figure 8.6, a visual representation of which is also provided
in Figure 8.3. They summed up to 374.8 kg and 421.5 kg respectively.

The third contribution to the overall mass came from the fuel model, which was
generated using the ModGen functionality described in section 3.3.2. The wing fuel
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Figure 8.6: Non-structural masses

tank was divided into three separate parts, as depicted in Figure 8.7. The total fuel
mass in the right wing amounted to 8425 kg, which included an artificial center wing
tank (CWT) with a capacity of 1850 kg. Table 8.5 states hypothetical fuel cases (FC),
where “filling level” denotes a multiplication factor for all rib-bay fuel masses of the
corresponding tank.

tank 3: 466 kg

tank 2: 971 kg

tank 1: 5138 kg
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Figure 8.7: Fuel masses

All remaining aircraft components, like fuselage, tailplanes and engines summed
up to 31550 kg. Assuming a total passenger mass of 14250 kg for the fully loaded
aircraft, the aircraft mass cases listed in table 8.6 are obtained, and they formed the
fourth contribution in the above list. It is important to note that only half the mass
listed in table 8.6 had to be attached to the clamping element node on the symmetry
plane, since only half the aircraft was incorporated in the optimization.

The combination of fuel case FC and aircraft mass ACM made up a mass case
MC. Other than in the first optimizer application that featured only one mass case,
the combination of load case and mass case is denoted sub case (SC), reflecting the
Nastran terminology of separate analysis within a single solver run. The sub case
number is a combination of mass case and load case number. All combinations consid-
ered in the optimization are listed in table 8.7. However, in the context of this work,
the Nastran-inspired designation as sub case will be replaced again by load case,
which represents a generally accepted denomination throughout the aircraft industry.
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Table 8.5: Fuel cases

filling level tank #
FC # CWT 1 2 3 description

1 1850 kg 1.0 1.0 1.0 all full (not used)
2 925 kg 0.5 1.0 1.0 inner half empty
3 925 kg 0.0 0.5 1.0 inner empty, mid half empty (not used)
4 925 kg 0.0 0.0 1.0 inner and mid empty
5 1850 kg 0.0 0.0 0.0 wing empty, full CWT
6 0 kg 0.0 0.0 0.0 all empty (not used)

Table 8.6: Aircraft mass

ACM # mass description
1 45800 kg full pax
2 38675 kg half pax
3 31550 kg no pax

Table 8.7: Load case definition

SC # LC # MC # FC # ACM # description
1001 1 1 5 1 sizing −1.0g
1002 2 sizing +2.5g
1003 3 sizing −1.0g
1004 4 sizing +2.5g
1012 12 aileron effectiveness
1013 13 aileron effectiveness
1014 14 aileron effectiveness
1015 15 aileron effectiveness
2007 7 2 2 1 twist, begin cruise
2016 16 divergence
3007 7 3 4 1 twist, end cruise
4007 7 4 2 2 twist, begin cruise, half pax
5007 7 5 4 2 twist, end cruise, half pax
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LC 4007 will for instance refer to SC 4007 depicted in table 8.7.
In total, five different mass cases were modeled, assuming the most unfavorable

combination of empty wing tanks and maximum passenger load was considered for
sizing load cases 1−4. The cruise load case 7 was investigated for a wing fuel loading
approximately corresponding to begin, and end of cruise flight, and for maximum and
half passenger loading, totaling four more mass cases. The constant flight altitude for
all cruise load cases implies an iso-altitude consideration. The aileron effectiveness
load cases 12− 15 and divergence load case 16 were independent of mass distribution
and could therefore be computed along with one of the depicted mass cases.

8.4 Optimization Model

Creation of the optimization model implies the clustering of elements into design fields,
each of which comprises its own set of membrane and bending stiffness matrices, and a
thickness, see Figure 8.8. Upper and lower skin having the same design field resolution,
the optimization model was made up of a total of 70 design fields. The spars and ribs
were not included in the optimization. Each design field required six design variables
per stiffness matrix and one design variable for the thickness, amounting to thirteen
design variables per field and therefore 910 design variables to be defined in Nastran.

XY

Figure 8.8: Design fields

The computation of the strain and buckling factors and sensitivities for each el-
ement that is part of the optimization model, necessitated the generation of stress
responses in the two in-plane and shear direction in their local element material co-
ordinate systems. Nastran provides the responses at the lower and upper laminate
end, eventually requiring six responses per element and load case. The FE model
comprising 247 elements in each, upper and lower skin, led to 2964 Nastran stress
responses per sizing load case. Other Nastran responses included in the optimization
were mass, aileron effectiveness as a combination of two aeroelastic stability deriva-
tives, divergence and twist. The latter response was asked for at every node of the
load reference axis; according to the amount of ribs at 25 spanwise locations. The
Nastran responses following from the optimization load cases specified in table 8.7
are listed in table 8.8(a), noting that twist responses were generated for cruise and siz-
ing load cases. Along with 910 design variables this amounted to ≈ 11e6 sensitivities.
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Table 8.8: Number of responses

(a) Nastran

# of weight responses 1
# of stress responses 11856
# of ail.eff. responses 4 + 8
# of twist responses 200
# of diverg. responses 1

⇒ total: 12070

(b) optimizer

# of weight responses 1
# of strain failure responses 1976
# of buckling responses 3952
# of ail.eff. responses 4
# of twist responses 4
# of diverg. responses 1

⇒ total: 5938

The response numbers when converting the Nastran sensitivities to approxima-
tions that were passed to the optimizer are listed in table 8.8(b). The design fields
comprising in total 494 shell elements lead to 1976 strain failure responses for the four
sizing load cases. Considering two buckling modes per element, the amount of buck-
ling failure responses was twice the amount of strain failures. Instead of considering
all twist responses in the optimization, only tip twist in case of the four cruise load
cases were included as possible constraints in the optimizer. Along with 910 design
variables the total amount of sensitivities summed up to ≈ 5.4e6 elements.

Other than for the first optimizer application described in chapter 7, no exception
from the approximations as derived in sections 5.6, 5.7, and summarized in table 5.1
on page 78 were made. This also implies the application of response convexification
in case of the aeroelastic responses. The strain allowables required for the failure
envelope construction were set to [εt, εc, γxy] = [0.5%, −0.4%, 0.4%] and thus below
the values chosen for the optimizations presented in chapter 7. The main reason was
the intention to trigger strain, rather than buckling failure.

8.5 Starting Design

The wing with a nose sweep angle of ξ = −16.8◦ will in the following be denoted the
basic configuration, the wings comprising ξ = −10.0◦ and ξ = −3.2◦ nose sweep angle
as configuration 1 and 2, respectively. The starting design features presented in this
section refer to the basic configuration.
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Figure 8.9: Starting design, thickness and stiffness distribution
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The initial structural properties resembled closely the ones applied for the back-
ward swept wing optimization, thickness and stiffness distribution are depicted in
Figure 8.9.
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Figure 8.10: Starting design, failure indices

Along with the sizing load case definitions given in table 8.7 the strength and
buckling failure indices were computed. The failure indices for the +2.5g maneuver
LC 1002 are plotted in Figure 8.10(a), and the failure indices for the −1.0g maneu-
ver LC 1003 in Figure 8.10(b), which initially generated the largest failure indices.
Interestingly enough, it was not one particular flight level that yielded the largest
failure indices for both, +2.5g and −1.0g maneuver, but a mix of the two investi-
gated altitudes 0m and 6700m. However, the resulting failure indices featured values
sufficiently smaller than 1.0, affirming the starting design was feasible and offering
potential for mass minimization.

Figure 8.10(c) and 8.10(d) indicate what could already be derived from the failure
index plots shown in Figure 8.10(a) and 8.10(b). The starting design was clearly
dominated by strain failure rather than buckling failure, the reason being the reduced
failure strains compared to the backward swept wing, and more importantly the
decrease in buckling field size due to the application of more ribs and a reduced
stringer pitch.

In trying to converge to a global, rather than a local optimum, two additional
optimizations aside from the regular starting point were considered for each case,
one comprising an altered starting thickness distribution and the other one a tilt of
the initial laminate angles. The results discussed in the following sections always
take into consideration the run with the lowest mass of the three starting designs.
In most cases, the lowest mass was confirmed by at least one of the other starting
points, which also showed similar principal stiffness distributions in the majority of
the design fields.
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Mass optimizations for all three wing configurations, always comprising the regular
strength and buckling failure index constraints, along with one additional aeroelastic
constraint are presented in the following sections. This approach allowed for an
explicit distinction to be made between the influence of aeroelastic constraints on
wing mass, and the effect of balanced and unbalanced laminates.

8.6 Numerical Results: Aileron Effectiveness Constraint

In the first set of optimizations a mass minimization objective along with the ap-
plication of a lower limit aileron effectiveness constraint for all designated aileron
effectiveness load cases was considered:

ηail ≥ (ηail)min . (8.1)

Additionally, regular structural constraints on strain and buckling were implemented.
No other aeroelastic constraints were involved. (ηail)min was varied in finite steps
from 0, no reversal, to 0.125 and the corresponding optimizations were performed for
balanced and unbalanced laminates. The optimization results are summarized in Fig-
ure 8.11, separated into balanced and unbalanced laminate optimizations in Figure
8.11(a) and 8.11(b). The graphs indicate the development of minimized wing skin
mass as a function of the applied lower limit on aileron effectiveness. That is, each
marker corresponds to an optimized wing. Results are presented for all three of the
investigated sweep configurations. In addition, the associated, yet unconstrained di-
vergence pressure response is shown as blue lines. In order to facilitate comparability,
balanced and unbalanced optimization results for the basic configuration exhibiting
ξ = −16.8◦ leading edge sweep are depicted in Figure 8.11(c).

A detailed definition of aileron effectiveness was presented in section 2.2.1. Due
to the geometric coupling effects on a forward swept wing, the angle of attack in
the outer wing increases when bending the wing up. This in general supports aileron
effectiveness, making a forward swept wing, usually, not vulnerable to aileron reversal.
At the same time, the aileron effectiveness load cases, as considered in the present
investigation, would only require preservation of positive values ηail ≥ 0, so no aileron
reversal. However, the achievement of minimum roll rates for specific flight conditions
might require an increased effectiveness, therefore justifying the present investigation.

Starting with the comparison of balanced versus unbalanced laminate optimiza-
tions shown in Figure 8.11(c), a clear advantage of the additional freedom in de-
sign space inherent in unbalanced designs can be seen. For an aileron effectiveness
constraint demanding no reversal, (ηail)min = 0, the weight benefit amounted to
≈ 14 − 16% for the basic and also for the two other inevstigated forward sweep
configurations.

A similar influence of sweep angle on the optimized skin weight could be observed
for balanced and unbalanced laminates. In Figure 8.11(a) a weight decrease of ≈ 9%
when decreasing forward sweep from ξ = −16.8◦ to ξ = −3.2◦ is shown. The mass
showed horizontal development for an increasing aileron effectiveness constraint and
thus implied a not yet active aeroelastic constraint; in this case the optimizations were
only bound by strain and buckling limitations. The basic configuration particularly
was influenced by (ηail)min only for higher constraint values. As a result, beyond
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Figure 8.11: Wing skin mass as function of minimum aileron effectiveness (ηail)min
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a certain (ηail)min the conditions changed and the basic configuration featured the
lowest mass compared to the less swept wings.

The unconstrained divergence pressure showed distinct differences between un-
balanced and balanced laminates. For unbalanced laminates the divergence pressure
was considerably larger in the case of configuration 2 and decreased quickly for an
increasing (ηail)min constraint. In the case of balanced laminates the trend was the
opposite, hence an increasing divergence pressure for increasing (ηail)min constraint.

To identify the implication of increasing aileron effectiveness requirements on the
design variables, the polar stiffness distribution in the design fields of the upper skin
for four different (ηail)min constraints, increasing row-wise, are depicted in Figure
8.12. The balanced laminates are shown in the left column, and the unbalanced lami-
nate optimizations in the right column. A black solid line is used to depict the material
coordinate system, while the blue line is used to indicate the direction of maximum
stiffness. The first row corresponds to an optimization requiring no aileron reversal.
Both laminate types showed a distinct stiffness alignment in the spanwise direction in
the root and mid spanwise region. While the balanced laminates developed towards
more homogeneous distributions in the outer wing, the main stiffness direction with
unbalanced laminates was tilted forward, establishing a bending-torsion coupling that
let the wing twist towards more negative local angles of attack when bending up. This
corresponds to the effect depicted in Figure 7.39(b) on page 129. Effecting a twist
towards smaller angles of attack in the outer wing causes a shift of the total lift force
inward, the result of which are decreased bending moments in the wing root area. As
a consequence, the material supporting the loads could be reduced. In the next row,
Figure 8.12(c) and 8.12(d), stiffness distributions for aileron effectiveness constraint
ηail ≥ 0.09 are depicted, which is just at the border towards noticeable increases in
wing skin weight, compare Figure 8.11(c). While the constraint for the balanced lami-
nate was ineffective and hence yielded identical stiffness distributions compared to the
previous ηail ≥ 0 optimization, stiffness distributions in the outer wing of the unbal-
anced laminate optimization now pointed in the opposite, backward direction. This
implies a positive coupling index as depicted in the coupling explanation in Figure
7.39(a) on page 129. Further rising the aileron effectiveness constraint to ηail ≥ 0.11
caused the polar stiffness in the outer wing to stretch further, pronouncing bending-
torsion coupling. The most outward design fields developed towards maximization of
torsional stiffness, Figure 8.12(f). In the case of balanced laminates, Figure 8.12(e),
the stiffness distributions in the outer wing changed considerably. The alignment of
maximum stiffness in the ±45◦ direction clearly promoted torsional stiffness. This de-
velopment extended inboard for the final aileron effectiveness constraint ηail ≥ 0.125,
Figure 8.12(g). The same holds for unbalanced laminates, Figure 8.12(h) where an
increasing number of design fields showed maximum stiffness directions tilted back-
wards.

The stiffness development discussed here constitutes the unconstrained divergence
pressure development depicted in Figure 8.11. While an increase in torsional stiffness
with rising aileron effectiveness for balanced laminates helped to increases divergence
pressure, an increase in coupling index for the unbalanced laminates caused a dimin-
ishment.

In the following, some specific results for a rather severe aileron effectiveness con-
straint ηail ≥ 0.11 will be presented. The results depicted in Figure 8.13 exemplify the
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(a) ηail ≥ 0, balanced (b) (ηail ≥ 0, unbalanced

(c) ηail ≥ 0.09, balanced (d) ηail ≥ 0.09, unbalanced

(e) ηail ≥ 0.11, balanced (f) ηail ≥ 0.11, unbalanced

(g) ηail ≥ 0.125, balanced (h) ηail ≥ 0.125, unbalanced

Figure 8.12: Optimized design, basic configuration, Ê11(θ) upper skin for different (ηail)min
constraints
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optimized thickness distributions. To meet the constraint with balanced laminates,
the thickness was increased in the frontal part, Figure 8.13(a), while in the case of
unbalanced laminates the distribution was more consistent, Figure 8.13(b).
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Figure 8.13: Optimized design, basic configuration, thickness distribution for ηail ≥ 0.11

A typical aileron effectiveness development is shown in Figure 8.14. LC 1009
generated the lowest response and therefore provided an active constraint during
the optimization, which is indicated by the response settling right on the aileron
effectiveness boundary ηail = 0.11.
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Figure 8.14: Basic configuration, aileron effectiveness ηail development, unbalanced lami-
nates, ηail ≥ 0.11

Finally from Figure 8.15(a) and 8.15(b) it can be seen that sizing was mainly
driven by the +2.5g maneuver load case 1002 in both the upper and lower skin. Of
the two −1.0g load cases 1001 and 1003 it was only LC 1003 that contributed to the
sizing of some design fields. Accordingly, Figure 8.15(c) and 8.15(d) depict the failure
indices in upper, element numbers 1 to 247, and lower skin, element numbers 248 to
494, for load cases 1002 and 1003. Both graphs demonstrate a clear dominance of
strain over buckling failure indices. An explicit visualization of strain prevalence is
provided in Figure 8.15(e) and 8.15(f), plotting the failure type in upper and lower
wing skin. Only the outer wing was sized by buckling constraints, the reason being
that with decreasing aerodynamic loads towards the wing tip the shell thicknesses
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Figure 8.15: Optimized design, basic configuration, failure index representations, unbal-
anced laminates ηail ≥ 0.11

were decreased. While the shell membrane stiffness decreases linearly with thickness
h, bending stiffness decreases with h3, thus promoting buckling failure.

8.7 Numerical Results: Divergence Pressure Constraint

The next set of optimizations also comprised a mass minimization objective while
replacing the aileron effectiveness constraint with a constraint on divergence pressure,
a detailed description of which is provided in section 2.2.2. Aside from the aeroelastic
constraint:

qdiv ≥ (qdiv)min , (8.2)

only regular structural constraints on strain and buckling were applied. The diver-
gence pressure was varied in finite steps from 30000Pa to 50000Pa and the corre-
sponding optimizations were performed for balanced and unbalanced laminates.

Other than for aileron effectiveness, the geometric coupling effect for a forward
swept wing has a considerable detrimental impact on divergence. It constitutes one
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of the main reasons why the consideration of forward swept wings usually ends up
with distinct weight penalties and finally a refusal of the concept. Accordingly, the
present investigation provided an interesting insight into the possibilities offered by
variable stiffness composite wing optimization.
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Figure 8.16: Wing skin mass as function of minimum divergence pressure (qdiv)min

The influence of a divergence pressure constraint on the optimized wing skin mass
is summarized in Figure 8.16. Each marker corresponds to an optimized design.
Balanced laminate designs are drawn in blue, unbalanced designs in black. The plot
contains all the investigated sweep configurations.

A first prominent feature, and also the reason for being able to plot balanced and
unbalanced designs in a single diagram unambiguously, is that unbalanced laminates
clearly outperformed the balanced designs. Even the wing with the least forward
sweep of ξ = −3.2◦ and balanced laminates had a higher mass for all the investigated
divergence pressures than the basic configuration with an ξ = −16.8◦ sweep, but
optimized with unbalanced laminates.

In the case of balanced laminates, the influence of (qdiv)min was reflected in a
weight increase with increasing divergence pressure. While for configuration 2, com-
prising a forward sweep of ξ = −3.2◦, the weight increment was moderate, the weight
penalty increased with larger forward sweeps.

A very different behavior could be observed for the unbalanced designs. Nearly no
influence of the constraint on wing skin mass was identifiable for the smaller forward
sweep angles, configurations 1 and 2, suggesting that the constraint was nowhere
active. While this is true for the smallest forward sweep angle ξ = −3.2◦, it did
become active for ξ = −10.0◦ and qdiv ≥ 40000Pa. However, the optimization with
unbalanced laminates was able to meet the constraint with nearly no weight increase.
Even for the largest forward sweep the weight increase with increasing divergence
pressure constraint was very moderate. The unbalanced optimization thus featured
for instance ≈ 23% weight saving for qdiv ≥ 40000Pa compared to balanced laminates
and even more for larger divergence pressure constraints.

In order to identify the characteristics that were responsible for the described ef-
fects, the design variables were explored. The stiffness distributions for two divergence
pressure constraints in vertical order, and balanced and unbalanced optimizations in
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(a) qdiv ≥ 40000, balanced (b) qdiv ≥ 40000, unbalanced

(c) qdiv ≥ 50000, balanced (d) (div≥ 50000, unbalanced

Figure 8.17: Optimized design, basic configuration, Ê11(θ) upper skin for different (qdiv)min
constraints
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Figure 8.18: Optimized design, basic configuration, thickness distribution for different
(qdiv)min constraints
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horizontal order are plotted in Figure 8.17. The corresponding thicknesses are sum-
marized in Figure 8.18. Looking at Figure 8.17(a) and 8.17(c), compliance with the
divergence constraint for an optimization with balanced laminates did not provide
significant resources in terms of unexceptional stiffness distributions. Other than
for aileron effectiveness, an increase in torsional stiffness, as suggested by equation
(2.7) on page 31, does not necessarily result in a weight optimal solution. The two-
dimensional treatment disregards the geometric coupling involved in the final twist
distribution of the forward swept wing. An increase in torsional stiffness would go
along with a decrease in bending stiffness, therefore increased bending deflection and
eventually an increase in twist induced by geometric coupling. The more prominent
measure in fulfilling the divergence constraints was realized by the thickness distribu-
tion, Figure 8.18(a) and 8.18(c). In both figures a distinctive thickness increase along
the front spar, amplifying with increasing (qdiv)min can be seen. Two effects were
provoked by this, one, the sweep angle of the elastic axis was decreased, leading to a
reduced geometric coupling, and two, the cross-sectional shear center moved forward,
which according to equation (2.7), page 31, results in an increase in divergence pres-
sure by reducing the distance to the aerodynamic center. Apparently, to support the
elastic axis adjustment, in case of the largest divergence pressure constraint, Figure
8.17(c), the spanwise stiffness close to the rear spar in the root region was decreased
considerably by adjusting the main stiffness direction to angles of ≈ ±45◦ to ±90◦

with respect to the material coordinate system, depicted as black solid line.

Comparing the balanced laminate thickness with the unbalanced counterparts, see
Figure 8.18(b) and 8.18(d), discloses the reason for the weight penalty of balanced over
unbalanced laminates. Only for the largest divergence pressure constraints, Figure
8.18(d), did the optimization with unbalanced laminates start to adopt the thick-
ness methodology described for balanced laminates. Figure 8.18(b) again depicts
a gradually changing thickness distribution. Rather than thickness, the dominant
contribution in fulfilling the divergence pressure constraint was introduced by the
stiffness distribution, see Figure 8.17(b) and 8.17(d). With the inner wing dominated
by stiffness distributions clearly expanding in the spanwise direction, the main stiff-
ness direction tilted forward, gradually increasing, from mid to the outer wing design
fields. The bending-torsion coupling introduced by tilting the stiffness featured a
negative coupling index, as depicted in Figure 7.39(b) on page 129. Accordingly, the
wing twists towards smaller angles of attack when bending up, thus counteracting
the geometric coupling. Coupling in this respect acts as a form of artificial increase
in torsional stiffness, since the wing with coupling shows less twist increase when
bending upward than a wing without coupling.

To substantiate the described behavior, exemplary plots of the spanwise twist
distributions for the −1.0g load case 1001 and the +2.5g load case 1002, balanced and
unbalanced laminates are given in Figure 8.19. For both laminate type three different
optimized wings are compared, varying only in divergence pressure constraint. With
increasing (qdiv)min, both laminate types showed a decrease in positive twist for LC
1002, caused by the thickness effects described for balanced laminates, and stiffness
coupling effects described for unbalanced laminates. To that effect, the twist in case of
the negative acceleration −1.0g load case 1001 increased to less negative values with
increasing (qdiv)min constraint. The rational behind the −1.0g load case to result
in absolutely larger twist angles than the +2.5g load case is the contribution of the
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Figure 8.19: Optimized design, basic configuration, twist distribution for different (qdiv)min
constraints

negative airfoil moment, realized by the consideration of a W2GJ camber correction.

In order to demonstrate an equivalent behavior for the other configurations in
terms of optimized thickness and stiffness distributions, the optimized designs for
wing configurations 1 and 2, comprising ξ = −10.0◦ and ξ = −3.2◦ leading edge
sweep and a divergence pressure constraint of qdiv ≥ 40000 are depicted in Figure
8.20. The same coupling mechanism as for the basic configuration in the outer wing
were activated. It was shown in Figure 8.16 that for reduced sweep the divergence
constraint starts to influence the design only for larger divergence pressure constraints.
To this end, the negative coupling index established in the stiffness distributions shown
in Figure 8.20(b) and 8.20(d) to a certain amount is accounted for by mass reduction
as consequence of inboard shifting aerodynamic loads. An equivalent behavior could
already be observed in the optimizations presented in the previous section 8.6, in the
case of ineffective aileron constraints.

Due to the resemblance of the failure index distributions with previously presented
failure index plots, these will be skipped in this section. Nonetheless, on a final
note, a typical active divergence pressure response development, demonstrating the
functionality of the aeroelastic constraint is depicted in Figure 8.21.
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Figure 8.20: Optimized design, unbalanced laminates, qdiv ≥ 40000
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Figure 8.21: Divergence pressure development, basic configuration, unbalanced laminates,
qdiv ≥ 50000

8.8 Numerical Results: Twist Constraint

In contrast to divergence and aileron effectiveness, elastic wing twist is not constrained
explicitly by aircraft regulations. Nevertheless, the wing twist distribution as function
of span is an important aeroelastic parameter when it comes to designing an optimal
aerodynamic shape for minimum induced drag. Therefore, twist was considered as
a third aeroelastic constraint in the present investigation. With the tendency of
a forward swept wing to increase aerodynamic twist when bending up, the twist
constraint was set as an upper bound. The constraint can be written as:

αtip ≤ (αtip)max . (8.3)

Assuming the twist distribution to be of highest importance in cruise flight, the tip
twist was constrained for load cases 2007, 3007, 4007 and 5007 as listed in table 8.7.
Here, the first two LC simulate a mass case with full passenger capacity and the last
two LC a mass case with half passenger capacity, at the beginning and end of cruise
flight respectively.

The results for balanced and unbalanced laminates are summarized in Figure 8.22.
Again, a clear advantage in optimized mass existed for all three configurations with
unbalanced laminates. While for αtip ≤ 1.0◦ a mass saving of 13−18%, depending on
sweep angle, could be achieved, the mass difference not only increased for smaller tip
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twist constraints, but with unbalanced laminates twist constraints could be reached
that were unattainable with balanced laminates. The optimized masses of the less
swept configurations 1 and 2 in case of unbalanced laminates showed only marginal
weight increases with a decreasing tip twist constraint, therefore designating inactive
twist constraints for the larger (αtip)max.
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Figure 8.22: Wing skin mass as function of maximum tip twist (αtip)max

For the basic configuration, the stiffness and thickness distributions for tip twist
constraints αtip ≤ 0.25◦ and αtip ≤ −0.25◦, vertical order, and balanced and unbal-
anced laminates, horizontal order, are depicted in Figure 8.23 and 8.24. The lower
twist angle corresponds to the minimum achievable (αtip)max in a balanced laminate
design. The application of bending-torsion coupling when optimizing with unbalanced
laminates represents an effective means to fulfill the twist constraints, see Figure
8.23(b) and 8.23(d). The stiffness distributions in the mid and outer wing were tilted
forward, resulting in a negative coupling index and going along with a twist reduction
at the tip. In the case of balanced laminate designs, see Figure 8.23(a) and 8.23(c),
no coupling existed and thus the stiffness distribution at least for αtip ≤ 0.25◦ showed
a spanwise alignment for a majority of the design fields. Tightening the constraint to
αtip ≤ −0.25◦ led to the same effect observed for the divergence pressure constraint.
The optimizer weakened the rear part of the wing box by aligning the maximum
stiffness direction exactly at 90◦ with respect to the material axis, see Figure 8.23(c).
Looking at the corresponding thickness distribution, see Figure 8.24(c), reveals the
extraordinary charges that had to be considered to comply with the twist constraint.
The skin thickness in the most forward row of the design fields increased considerably
to shift the elastic axis forward and thus a reduction in the nose up twisting moment
induced by aerodynamic lift. The equivalent thickness distributions with unbalanced
laminates, see Figure 8.24(b) and 8.24(d) showed smooth thickness variations and only
a much attenuated form of frontal thickness increase of the corresponding balanced
laminate design for αtip ≤ −0.25◦.

Optimization results for an upper limit αtip ≤ −0.75◦ that could only be achieved
with an unbalanced design are shown in Figure 8.25. The thickness distribution with
a few exceptions closely resembled the balanced optimization for αtip ≤ −0.25◦, see
Figure 8.24(c), pointing out that once the stiffness coupling possibilities were maxed
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(a) αtip ≤ 0.25◦, balanced (b) αtip ≤ 0.25◦, unbalanced

(c) αtip ≤ −0.25◦, balanced (d) αtip ≤ −0.25◦, unbalanced

Figure 8.23: Optimized design, basic configuration, Ê11(θ) upper skin for different
(αtip)max constraints
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Figure 8.24: Optimized design, basic configuration, thickness distribution for different
(αtip)max constraints
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out, an unbalanced laminate design also had to adopt the thickness distribution to
comply with the aeroelastic constraint.
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Figure 8.25: Optimized design, basic configuration, unbalanced laminates, αtip ≤ −0.75◦

The twist distributions for optimized designs with a tip twist constraint αtip ≤
−0.25◦ are shown in Figure 8.26 for balanced and unbalanced laminates. As demanded
by the constraint, the largest tip twist of all four cruise load cases exactly matched the
prescribed limit. An important point to notice is that neither fuel cases corresponding
to begin and end cruise, marked in the same color in Figure 8.26, nor passenger
capacity had an appreciable influence on the twist distribution. The tip twist variation
as a result of fuel burning during cruise stayed below 0.2◦ for all the cases investigated,
independent of balanced or unbalanced laminates. Certainly, the results were highly
dependent on the applied flight conditions in terms of Mach number and flight level,
while keeping in mind that the iso-altitude and constant Mach number considerations
in the present investigation led to varying lift coefficients for the load cases depicted
in Figure 8.26. Moreover, the employed fuel sequence was generic and not based on
real aircraft data. However, the results give an indication of the twist effects to be
expected in a wing from mass distribution variations.

8.9 Some Remarks on Stringers

The stiffness distribution optimizations presented in this and all other application
chapters of part II of the work assume constant stringer properties, hence stringer
stiffnesses are not part of the optimization model. The most prominent reason to do
so is the focus of the optimization process on shell-like structural entities. This focus
is evident in the formulation of the response approximations, which are expressed
as linear and reciprocal functions of the laminate stiffness matrices and thicknesses.
Nevertheless, depending primarily on the stringer stiffness, part of the wing bending
and coupling stiffness are captured by the stringers and their orientation. The larger
the share contributed by stringers, the more the wing skins are assigned to the task of
providing torsional stiffness, support of bending-torsion coupling effects, and preser-
vation of the aerodynamic shape. This is demonstrated for instance in the stiffness
distributions shown in Figure 8.12 on page 146 in case of aileron effectiveness, or in
Figure 8.17 on page 150 in case of a divergence pressure constraint. While the root
and mid wing region feature a strong alignment of stiffnesses in the spanwise direction,
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Figure 8.26: Optimized design, basic configuration, twist distribution for αtip ≤ −0.25◦

stiffnesses develop into distributions supporting torsional stiffness in the tip region of
the wing. The reason for this is the increased contribution of stringers to the bending
stiffness in the tip region.

In the development of the process towards a possible application in an industrial
environment, the inclusion of stringers in the optimization will constitute an impor-
tant next step, thus allowing the optimizer to determine the optimal ratio of stringer
and wing skin contributions to the overall wing stiffness. Consideration of stringer
optimization in the current formulation could for instance be achieved by assigning a
virtual design field to each group of constant property stringers. Treating the stringers
as simple bars with a prescribed elastic modulus then allows for a description of stiff-
ness and mass properties solely depending on the bar area, which in turn can be linked
to the regular thickness design variable in the approximation formulation. Stringer
strain constraints can be formulated as functions of thickness only. In a more detailed
stringer consideration, the stringer cross section could also be modeled by means of
shell elements, and thus the full set of design variables available in each design field
would apply. This however requires the specification of stringer topology and outer
dimensions. Keeping in mind that the buckling analysis employed in this work implies
simply supported boundary conditions for all four buckling field edges, in the case
of stringer inclusion in the optimization model a revision of the buckling assessment
would be required.
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8.10 Summary

A detailed investigation into the influence of aeroelastic constraints and sweep angle
on the optimized mass of three forward swept wings was presented. The wings fea-
tured equal wing area and span, and therefore also equal wing loading and aspect
ratio. They were analyzed and optimized for a fixed set of mass and load cases. The
optimizer was shown to yield consistent results for balanced and unbalanced lami-
nates. Unbalanced laminates showed clear advantages over balanced laminates for
all aeroelastic constraints considered. The divergence constraint particularly, usually
requiring a stiffened and therefore heavier wing structure in the case of forward swept
wings, was shown to incur no weight penalty when the structure was optimized using
unbalanced laminates.

It should be noted that results will differ to some extent when spar webs are in-
cluded in the optimization. They are expected to have a noticeable influence on the
optimized skin thickness in case of severe aeroelastic demands. Some of the depicted
thickness distributions showed local thickness increases close to the front and/or rear
spar, which will be alleviated when spar webs are included in the optimization. More-
over, keeping in mind the intended production strategy, thickness variations among
adjacent design fields are limited to a certain amount, beyond which the practicability
of the optimized design is debatable.

Eventually, the mass savings presented are assumed to show trends rather than ab-
solute values of what is possible using unbalanced laminates. The source of the largest
possible errors remains the neglect of transonic effects in the application of a doublet
lattice method. Inclusion of more accurate aerodynamic loads via incorporating an
Euler solver in the design process will be discussed in the following chapter.



CHAPTER 9

Aeroelastic Optimization With Aero Correction

“Flying is learning how to throw yourself at the ground and miss.”

Douglas Adams

In the two preceding chapters the general functionality of the optimization process
involving structural and aeroelastic responses was established. While the swept back
wing optimizations discussed in chapter 7 were performed without correction of the
static aerodynamic forces, optimizations of the forwards swept wing, presented in
chapter 8, already incorporated a correction of the doublet lattice method in terms of
a DLM camber adjustment using a W2GJ matrix; details on the latter were presented
in section 6.2.1.

Given that the meaningful scope of application of the doublet lattice method is
limited to recompression shock free and attached flows, and the fact that the investi-
gated transport aircraft-like wings operate very well in transonic flight regimes, it is
necessary to provide an appropriate method for the correction of aerodynamic loads
acting on the wing, the reason being that consideration of non-linear aerodynamic
effects is expected to result in a credible improvement of the optimized stiffnesses.
The correction method, comprising the computation of aerodynamic forces using the
CFD solver Tau was developed and presented in chapter 6. Its application, along
with the generation of the required analysis models and accompanying convergence
studies will be demonstrated in this chapter.

The reference model selected for aeroelastic optimization with aero corrections in
terms of geometry corresponded exactly to the forward swept wing example used in
chapter 8, see section 8.1 on page 132. The flight envelope was also the same as that
used in chapter 8, see Figure 8.2 on page 134, along with the depicted load cases,
which are described in detail in section 8.2. For ease of reading, the load cases are
listed again in table 9.1.

Adjustments to the finite element and DLM modeling resulting from the further
development of modeling techniques in ModGen will be outlined in section 9.1, along
with a brief description of the optimization model. The generation of an appropriate
CFD mesh for Tau Euler computations is discussed in section 9.2, while a primal

159
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Table 9.1: Load case definition

LC # type Ma [−] q [Pa] nz [g] H [m]
1 sym., push down, VD 0.597 25300 -1.0 0
2 sym., pull up, VD 0.597 25300 +2.5 0
3 sym., push down, MD 0.870 22700 -1.0 6700
4 sym., pull up, MD 0.870 22700 +2.5 6700
7 sym., cruise, MD 0.780 9700 +1.0 11900
12 antisym., roll, 1.15VD 0.690 33800 0
13 antisym., roll, 1.15VD 0.860 31900 4000
14 antisym., roll, VD 0.870 22700 6700
15 antisym., roll, VD 0.870 12000 11900
16 divergence, VD 0.870

application of the CFD correction module in a static trim calculation is shown in
section 9.3. Optimization results for a mass minimization with aeroelastic constraints
are presented in section 9.4, focusing especially on the structural implications due to
modified aerodynamic forces. The general capability of the optimization process to
allow for multiple structural entities in the optimization model using an investigation
of the impact of appending shear webs to the design fields is discussed and evaluated
in section 9.5.

With the focus of this thesis being the stiffness optimization process as the first of
three optimization steps towards a manufacturable structure by featuring membrane
and bending stiffness matrices as design parameter, in section 9.6 an application of the
second optimization step eventually will be demonstrated, which generates stacking
sequences based on the optimized stiffnesses. A brief introduction to the underlying
theory is provided in section 2.3.

9.1 Finite Element and Optimization Model

Given the ever improving modeling capabilities in the parametric finite element model
generation with ModGen on the one hand, but mainly due to a direct implication of
the CFD correction, a modified parametric modeling strategy was applied to generate
the required structural and aerodynamic models. The original finite element model
generation is described in section 8.3.

To understand the necessity for remodeling, the DLM correction procedure and
the CFD mesh generation procedure will be briefly addressed below. As outlined in
section 6.2.1, the DLM camber and twist correction matrix W2GJ is generated based
on the aerodynamic surface spanned by the underlying airfoil stations. ModGen
determines the DLM box correction angle by analyzing the corresponding camber
surface, which in turn is derived from the wing aerodynamic surface. In the parametric
construction of the finite element model as described in chapter 8, the ModGen
technique of splined aerodynamic surface generation, spanning several airfoil stations,
was selected. The CFD mesh generation, section 6.4.1, however, is based on a purely
linear interpolation of adjacent airfoil stations. This causes an unintended difference in
the aerodynamic surfaces used for DLM correction and for the CFD mesh generation.
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Consequently, instead of spanning a splined surface over several airfoils as done in the
first wing model, the new wing model linearly varies the aerodynamic surfaces from
airfoil to airfoil. The implications for the underlying FEM structure are depicted in
Figure 9.1, in which the two resulting wing boxes are shown in different colors. The

Figure 9.1: FEM wing box, chapter 8 model in gray, chapter 9 model in white

expected impact on the structural behavior of the wing compared to the first model is
negligible, since the structural extent in thickness direction of the wing was preserved
throughout. Other than the explicated modeling modification mentioned above, the
finite element model comprised an identical rib, spar and stringer setup along with
the same structural and material properties in combination with the same element
resolution.

Another distinction of the present model compared to the previous model was that
only points belonging to the load reference axis and the attached rigid bar connec-
tions extending to leading and trailing edge, were considered for aerodynamic force
coupling. Thus, coupling corresponded to the technique envisaged in section 3.4.2 on
page 49. The corresponding coupling nodes are depicted in Figure 9.2. As a result

Y
X coupling model

ribs

Figure 9.2: Coupling model and DLM

of modeling the load carrying structure without the center wing box, while simulta-
neously extending the aerodynamic model until the x-z symmetry plane, as required
to obtain a meaningful spanwise load distribution, all the aerodynamic loading gen-
erated in the root area would be transferred to the first coupling node row, however
due to the fact that the first rib is clamped, the large aerodynamic loading on this
coupling row would not have an influence on the structural loading. Nevertheless, in
order to obtain a more regular distribution of coupled aero forces, an additional row
of coupling nodes was introduced in the wing root area, Figure 9.2, the consequence
of which will be discussed later in section 9.3.

Using the adapted finite element modeling technique described above, slightly
modified fuel masses resulted, Figure 9.3, compared with those shown in Figure 8.7
on page 138. All the other masses like non-structural, aircraft and payload masses
concurred with those applied in the previous model.
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Figure 9.3: Fuel masses

As before, the optimization model comprised in total 68 design fields, Figure 9.4,
accordingly the number of design variables was identical to those for the previous
model. Since the same load cases were employed, the response numbers to be con-
sidered in Nastran and the optimizer did not change, see table 8.8 on page 141.
Approximations for strain and buckling failure, aileron effectiveness, divergence and

XY

Figure 9.4: Design fields

twist were implemented according to the derivations to be found in sections 5.6, 5.7,
and summarized in table 5.1 on page 78. This included the convexification of aeroe-
lastic responses. The strain allowables required for the failure envelope construction
were set to [εt, εc, γxy] = [0.5%, −0.4%, 0.4%], and thus were identical to the
optimization without CFD correction, see section 8.4.

9.2 CFD Model

The CFD mesh was generated according to the process described in section 6.4.1 and
based on the same planform and airfoil coordinate input defined for the generation of
the finite element model.

In order to determine the appropriate mesh resolution that would be required to
achieve convergence of the important aerodynamic quantities like lift and moment, a
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convergence study was performed. Several meshes, comprising different surface and
volume resolutions were generated with sumo. To construct realistic test conditions,
all the meshes were investigated for the same mesh deformation state found for a
previously conducted optimization run. With the aero correction method expected
to alter in particular the force distribution for load cases with recompression shocks,
load case 4 from table 9.1 was selected as test case for mesh convergence.

The results for the six different meshes are presented in Figure 9.5, in which the
aerodynamic coefficients CL, Cm and CD as a function of the number of tetrahedra
making up the mesh are shown. As stated by the figure, the coefficients converged
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Figure 9.5: Tau Euler convergence study

to nearly steady values for meshes with element numbers above ≈ 1.5 ∗ 106. The
mesh that was finally selected for the aero correction process consisted of ≈ 2.7 ∗ 106

tetrahedra and is marked by a blue star in Figure 9.5. The y-axis on the right side
of each graph quantifies the relative difference of the corresponding coefficients with
respect to the coefficient generated with the selected mesh. For all three coefficients
the relative difference with respect to the mesh that featured the highest resolution
was smaller than 1%. Moreover, distributing the Tau Euler computation on six
processors, and by this being able to perform the optimization process on a single
desktop computer, the 2.7 ∗ 106 tetrahedra mesh resulted in very moderate compu-
tational costs of ≈ 3 − 5 minutes for a single CFD run, depending on the residual
convergence behavior. Considering eight load cases to be corrected led to an ≈ 40
minutes calculation time for a full set of correction forces. This will be linked to the
computational costs of sensitivity generation and optimization in section 9.4.

The selected mesh comprised ≈ 315, 000 surface triangles, a spanwise section of
which is shown in Figure 9.6, to give an impression on the element density and dis-
tribution as it was achieved using diverse sumo meshing parameters, among which
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the most influential were the minimum and maximum edge length. They were set to
11mm and 110mm respectively.

Figure 9.6: Mesh section generated with sumo

9.3 Aeroelastic Trim Application

In order to separate the effects of a newly applied CFD aero correction from the
effects induced by a stiffness optimization, the general functionality of the CFD cor-
rection module was demonstrated using a classical static aeroelastic trim application.
In doing so, the most prominent differences between the results of the applied aero-
dynamic methods could be highlighted, thereby also constituting graphical means for
the assessment of the result.

The iterative procedure to determine the aeroelastic deformation considering Tau
correction forces can be expressed as:

uk+1
s = K−1

(
fk+1
DLM + ∆fkτ + f ie

)
, (9.1)

with:

∆fkτ = fkτ − fkDLM , (9.2)

where superscript k denotes the iteration step and f ie corresponding to the summa-
tion of constant inertial and external forces. An iterative procedure which performs
deformation and aerodynamic analysis in a sequential order is referred to as a weakly
coupled system, whereas in a closely coupled system the aerodynamic forces can be
expressed directly as a function of displacement, thus allowing for a direct solution
of the static equilibrium equation. In section 6.1 it was shown that for the doublet
lattice method alone, a close coupling is realized in Nastran.

A mass minimized version of the present forward swept wing, resulting from a
stiffness optimization with unbalanced laminates and considering aero correction,
provided the structural basis for the trim investigation. Details on the design will
be provided in section 9.4. The symmetric load cases 1− 4 and 7, compare table 9.1,
later also to be corrected in the optimization run, were considered for static trimming,
with the latter one for various mass cases.
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According to equation (9.1) convergence can be tested by monitoring a character-
istic deflection. This is shown in Figure 9.7, exemplarily for two sizing and two cruise
load cases, using the z-deflection of the outermost spanwise load reference axis grid
point, representing the tip of the wing, Figure 9.8. The load case numbering again
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Figure 9.7: Tip deflection development for static trim

corresponded to the definition given in table 8.7 on page 139, where the last two digits
identify the load case and the first digit the mass case. In the finite element solution
of iteration k = 1 Tau fores f0

τ were not yet included since they will be generated only
afterwards, for a CFD mesh deformation which is based on the displacement results
of the FE analysis. Accordingly, only DLM forces affected the deflection for iteration
k = 1. From the second iteration on, Tau forces based on the previous FE analysis
were included. The figure shows that once the correction forces are considered from
iteration two on, convergence was achieved after three to four iteration steps.

Figure 9.8: Deformed FEM and CFD with z-deflection control point
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A second and equivalent means for testing the trim convergence behavior, as
suggested by equation (9.1), consists of monitoring the iterative behavior of the aero-
dynamic forces, Figure 9.9. Depicted in the upper axis is the aero force development
for DLM and Tau respectively. |faero| denotes the magnitude of the sum over all
aerodynamic forces in the xz-plane, thus, in the absence of viscous drag, correspond-
ing to the magnitude of the resulting force vector of lift and induced drag. Instead of
summing forces on the different surface discretizations of DLM and Tau, forces in the
coupling nodes were consulted. Examples of the aero forces for two sizing load cases
featuring nz = −1.0g and nz = +2.5g respectively, are depicted in Figure 9.9(a) and
9.9(b). A first thing to notice is the quick convergence of the summarized nodal forces
after three to four iteration steps. A second very important finding is the convergence
of the resulting Tau force towards exactly the same value as the DLM force in the
first iteration step k = 1, which did not, as yet, comprise the correction forces. This
implies that the combination of fDLM and correction ∆fτ in the converged solution
exactly reflects fτ , as it was stated in equation (9.2):

fτ = fDLM + ∆fτ . (9.3)

The corresponding force magnitude reflects the constant lift force required to balance
aircraft weight multiplied by the load factor.

The lower axes in Figure 9.9 depict the relative differences of the DLM and Tau
force magnitudes, which apparently can be quite considerable, Figure 9.9(a). In sec-
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Figure 9.9: Aero force development for static trim

tion 6.3 it was explained that the Tau Euler calculation, apart from an equivalent
mesh deformation, is performed for the same angle of attack as that resulting from
the Nastran trim analysis. Thus, the converged difference between |fDLM | and |fτ |
is based only on aerodynamic discrepancies among the two discretization and anal-
ysis methods. To facilitate the interpretation of results emanating from a combined
aerodynamic loading with doublet lattice and correction forces, different means for
analyzing and illustrating the aerodynamic data are available.
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The most general, and also unbiased, comparison comprises the surface pressure
before splining to the coupling nodes. Due to the different discretization in DLM
and CFD, the least common denominator is a comparison of pressure difference ∆Cp
between the upper and lower wing surface. Routines were implemented in the re-
sult post processing that allowed for intersecting FEM, DLM, and CFD meshes, and
in the latter case to reduce the upper and lower surface pressure data to ∆Cp. A
comparison for LC 1002, hence a sizing load case with nz = +2.5g and a rather
low Mach number of M = 0.597 is shown in Figure 9.10. Tau pressure distribu-
tions at equidistant spanwise stations, based on surface cuts on the deformed CFD
mesh, represented as shaded surface, are shown in Figure 9.10(a), in addition, the
undeflected FEM and CFD mesh are depicted to facilitate the assessment of unscaled
wing deformation. The Cp distribution indicated no recompression shocks throughout
the wing and an equivalent representation plotting the surface Mach number instead
of Cp confirmed M < 1. The deformed finite element model is plotted as well, to
demonstrate the meaningful CFD mesh deformation. Later on, a two-dimensional
illustration will more explicitly show the coincidence of the two meshes. Performing
similar cuts on the doublet lattice model led to the results depicted in Figure 9.10(b).
Due to the two-dimensional discretization in DLM, only a pressure difference exists,
which in the figure is also represented in the shading of the deformed doublet lattice
model. As a direct consequence of camber correction using the W2GJ matrix, the
∆Cp distribution deviates considerably from a regular flat plate pressure distribution
as it would be expected when omitting the correction. Finally, in Figure 9.10(c) a
direct comparison of the Tau and DLM pressure differences is presented. Evidently,
the corrected DLM was in good agreement with the higher order aerodynamic CFD
method Tau. In all the depicted sections, DLM reproduced the main trends, although
slightly downstream of the Tau results. With the DLM mesh featuring a consider-
ably coarser discretization, no data were available at the trailing edge; the largest
deviations therefore occurred at these positions.

An entirely different behavior is revealed when looking at the second nz = +2.5g
sizing load case 1004, see Figure 9.11. The free stream Mach number was considerably
higher, resulting in a strong shock on the upper and on the lower wing surface, Figure
9.11(a). The shock on the lower surface can be explained by the laminar pressure
distribution characteristics of the disposed airfoils. The, as yet shock free, pressure
distributions shown in Figure 9.10(a) indicated a favorable pressure gradient on the
lower skin, followed by a rather steep pressure recovery, giving the airfoil a rear load-
ing characteristic. Later it will be shown that for the cruise Mach number the local
Mach stays just below M = 1, however, under severe loading conditions as in LC
1004 a recompression shock arouse. The pressure difference ∆Cp from DLM, Figure
9.11(b), in turn showed no considerable differences when compared to the previous
distribution, Figure 9.10(b), except for alterations in the pressure peak on the nose
and the interaction with the pressure level on the first half of the airfoil; the reason
for which can be found in the altered angle of attack and local twist distribution,
however, the general pressure distribution characteristic does not change. A direct
comparison of Tau and DLM pressure difference ∆Cp, Figure 9.11(c), revealed sub-
stantial deviations. The recompression shocks exerted a considerable influence on the
pressure difference ∆Cp. As a result of the large negative pressure difference in the
back, and a decrease in the frontal part with respect to the doublet lattice results, the
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(a) Cp Tau

(b) ∆Cp DLM

(c) ∆Cp comparison

Figure 9.10: LC 1002, surface pressures for the converged trim solution
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(a) Cp Tau

(b) ∆Cp DLM

(c) ∆Cp comparison

Figure 9.11: LC 1004, surface pressures for the converged trim solution
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Tau distribution was expected to cause a larger nose-down, thus negative twisting
moment.

With the wing structure being loaded not by surface forces but by aerodynamic
loads splined to the structure coupling nodes, another reasonable assessment of the
aerodynamic methods and of the force splining routines could be made using a node-
wise force comparison as depicted in Figure 9.12 for load cases 1002 and 1004. The

(a) LC 1002

(b) LC 1004

Figure 9.12: Coupling node force vectors for the converged trim solution

forces reflected very well the behavior which could already be deduced from the pres-
sure difference plots. The data shown in Figure 9.10(c) demonstrated consistent
results for Tau and DLM and moreover that a considerable part of the lift is gen-
erated in the rearward part due to airfoils promoting rear loading. Both features
could be recovered in the corresponding force distribution, Figure 9.12(a). Forces on
the load reference axis and the spanwise rows along leading and trailing edge con-
firmed the good agreement of Tau and DLM force vectors, which were deliberately
separated slightly in chordwise direction to improve visibility. As could already be
concluded from the pressure difference distribution for LC 1004, Figure 9.11(c), the
recompression shocks altered the force distribution considerably. This is reflected in
the corresponding coupling forces, Figure 9.12(b). In the case of Tau, coupling forces
in the leading edge coupling nodes reduced considerably, while at the same time in-
creasing at the trailing edge; DLM forces, however, retained the characteristics from
the lower Mach number solution. In conclusion, aerodynamic loads from Tau in-
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duced considerably larger negative, thus nose down, twisting moments compared to
DLM. The latter result will be demonstrated using spanwise force distributions, but
before, some remarks on coupling forces in the wing root region will be given. It
was mentioned in section 9.1 that an additional coupling row was introduced in the
root region to better distribute the aerodynamic forces. As a result of the increased
spanwise spacing in the root region compared to the rest of the wing, the forces in in
the first two chordwise coupling rows exceeded the remaining ones, Figure 9.12. In
addition, independent of the applied plate spline coupling methodology in the case
of doublet lattice, or the radial basis function technique in the case of Tau, the cou-
pling forces in the root area showed irregular spanwise distributions. For both load
cases, the irregular force distribution can be seen in Figure 9.12 as a considerable
drop in the force z-component at the trailing edge node in the second spanwise row.
The DLM force even pointed in the opposite, negative direction. The reason for this
lies in the articulate wing planform kink towards the center wing box, depicted in
Figure 8.1 on page 133. Despite the fact that both coupling methods are based on
different theories to establish the coupling matrix, both methods indicated problems
with irregular coupling point distributions. Introducing an additional row of coupling
points, or disregarding the planform kink by extrapolating the main wings coupling
points inward, did not improve the force distribution.
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Figure 9.13: Spanwise force and moment distribution for the converged trim solution
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The implications of the fluctuations are shown in Figure 9.13. The plots depict
spanwise lift and moment distributions resulting from summing up the three cou-
pling forces belonging to each rib, hence the corresponding load reference axis point
and the two rigidly connected grid points on the leading and trailing edge. The mo-
ment was computed about each sections local quarter chord. Especially the moment
distribution, marked as dashed line, exemplifies the influence of the discussed force
fluctuations. It should be stressed that in both methods, Tau and DLM, the same
angle of attack α was applied. As a result of the increased wing area to be covered
per coupling row in the root section, the lift force increases noticeably in that region.
For the lower Mach number load case 1002, Figure 9.13(a), the moment distribution
of Tau and DLM matched almost perfectly except for the root region. The lift pre-
dicted by Tau slightly exceeded the one generated in DLM. This behavior was already
observed in the two-dimensional analysis presented in section 6.2.1 and is the conse-
quence of neglecting airfoil thickness in case of DLM. Other than that, the inclusion
of a W2GJ proves to yield an excellent means for correcting doublet lattice in a shock
free flow regime. An uncorrected DLM, thus corresponding to an uncambered flat
plate would instead have led to zero quarter chord moment, see for example [Abb59].

A very different outcome was observed for LC 1004, Figure 9.13(b), which was
shown to comprise recompression shocks on both, upper and lower skin, Figure
9.11(a). The most prominent differences occurred for the moment distribution. Other
than for the low Mach number load case, LC 1004 revealed considerable differences
between Tau and DLM moment distributions. Tau predicted a ≈ 50% larger negative
moment about the y-axis than DLM throughout the entire span. The consequence of
this will be depicted in section 9.4 when comparing optimizations with and without
aero correction.

The spanwise Tau lift force on the other hand was now smaller than the cor-
responding DLM forces. With the thickness effect usually resulting in larger lift
coefficients in Tau as compared to DLM, the increased Mach number compared to
the previously studied LC 1002 was found to be responsible for the reversed order. An
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Figure 9.14: Mach dependency study

explanation is provided in Figure 9.14, displaying the development of lift coefficient as
function of Mach number. The corresponding Tau Euler calculations were based on
the converged results of LC 1004 by fixing all essential parameters like dynamic pres-
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sure, density, mesh deformation, angle of attack, and only varying the Mach number.
The resulting lift coefficients are plotted in Figure 9.14.

Figure 9.14 moreover depicts the Mach number dependent lift coefficient result-
ing from a Prandtl-Glauert correction. The Prandtl-Glauert correction factor being
defined as (Bertin et al. [Ber98]):

β =
√

1−M2 , (9.4)

is used in the governing equations of the doublet lattice method to account for com-
pressible, yet shock free flows. The factor can be used to correct the incompressible
sectional lift curve slope:

Clα
∣∣
comp.

=
Clα
β

. (9.5)

According to Anderson [And05], the lift curve slope CLα of a finite wing can be
computed from the sectional slope Clα using lifting line theory :

CLα =
Clα

1 +
Clα
πΛ

. (9.6)

Rewriting equation (9.6) for compressible flow by inserting equation (9.5) yields the
compressible lift curve slope for a finite wing with aspect ratio Λ:

CLα
∣∣
comp.

=
Clα

β +
Clα
πΛ

. (9.7)

Noting that Cl = Clα(α − α0) and assuming the sectional lift curve slope to be
Clα = 2π, the compressible lift coefficient for a finite wing becomes:

CL
∣∣
comp.

=
2π(α− α0)

β + 2
Λ

. (9.8)

Equation (9.8) was used to calculate the Prandtl-Glauert curve shown in Figure 9.14.
Λ = b2/Sref was computed from the planform data provided in section 8.1, page 132.
The constant term 2π(α−α0) was derived from the compressible DLM lift coefficient
resulting from LC 1002, featuring M = 0.597.

Figure 9.14 confirms a reasonable analogy in lift coefficient development for dou-
blet lattice and Tau Euler up to a Mach number of M ≈ 0.8. Up to this value,
differences between the aerodynamic methods can be assigned to the missing thick-
ness representation in DLM, however, beyond M ≈ 0.8 the lift coefficients in DLM
continue to increase, while the Tau results show a characteristic peak, followed by
a decrease in CL. Ultimately, this behavior clarifies the higher lift forces of DLM
compared to Tau shown in Figure 9.13(b). Moreover, this underlines the fact that
the applied Prandtl-Glauert correction can only yield reasonable aerodynamic forces
up to Mach numbers where a wing is still free of recompression shocks. Both lift and
moment coefficient show a strong interaction with increasing Mach number, as stated
the gray line belonging to the right y-axis in Figure 9.14.

Based on the force and moment data given in Figure 9.13 it was possible to
appraise their normalized counterpart. To do so, planform strips according to the
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spanwise distribution of load reference axis points were defined, to provide the required
reference strip area sref and the reference chord cref required for the normalization:

Cl =
lift

q sref
, (9.9)

Cmy =
y-moment

q sref cref
. (9.10)

The corresponding lift and moment coefficients are plotted in Figure 9.15. While the
same conclusions as those drawn from the distributions in Figure 9.13 still hold, the
coefficients gave some more insight into the differences in load and moment distri-
butions found between Tau and DLM. Normalization of force and moment with the

0 2 4 6 8 10 12 14 16 18
0

0.1

0.2

0.3

0.4

0.5

span, m

lif
t c

oe
ffi

ci
en

t

 

 

−0.2

−0.1

0

0.1

0.2

y−
m

om
en

t c
oe

ffi
ci

en
t

lift: solid, moment: dashed

TAU DLM

(a) LC 1002

0 2 4 6 8 10 12 14 16 18
−0.2

0

0.2

0.4

0.6

0.8

span, m

lif
t c

oe
ffi

ci
en

t

 

 

−0.3

−0.2

−0.1

0

0.1

0.2

y−
m

om
en

t c
oe

ffi
ci

en
t

lift: solid, moment: dashed

TAU DLM

(b) LC 1004

Figure 9.15: Spanwise force and moment coefficient distribution for the converged trim
solution

strip area caused a considerable reduction in the root region fluctuations, however,
it aggravated fluctuations in the DLM distribution tip region. They are located in
the aileron region which in turn was modeled with a refined DLM mesh discretization
to better capture the local effects. The moment coefficient shown in Figure 9.15(a)
showed a perfectly constant value over large parts of the span and served as a mean-
ingful test of the Tau and DLM splining method, in a sense that, from incompressible
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airfoil theory, e.g. [Abb59] it follows that the moment coefficient about the quarter
chord is not a function of lift coefficient.

Finally, it should be noted that grid points belonging to the first two spanwise cou-
pling rows were rigidly connected to the clamping node. The first row was connected
directly to the clamping node, compare Figure 9.2, while the second row attached to
the root rib, which in turn was rigidly connected to the clamping node. Thus, forces
acting on these nodes did not contribute to the elastic deformation of the structure
and hence did not affect the deformation and optimization results.

This concludes the detailed investigation of the functional efficiency of the Tau
correction module developed in section 6.4. The iterative correction process was shown
to converge quickly when considering constant stiffness properties of the supporting
structure.

9.4 Numerical Results: Mass Minimization

Having demonstrated the functionality of the aero correction process in a pure trim
application, the application and interaction within the stiffness optimization process
was tested. While the wing skin mass was defined as the objective for minimization,
the structural constraints again comprised strain and buckling failure for all shell
elements belonging to the specified design fields. In terms of aeroelastic responses,
only aileron effectiveness and divergence were constrained, while no constraint was
defined for twist. Aileron effectiveness for the four load cases depicted in Figure 8.2,
page 134, and listed in table 8.1, repeated in table 9.1, was limited by a lower bound
to ηail ≥ 0, to be free of aileron reversal. Divergence was constrained to a lower
limit of qdiv ≥ 35000Pa at a Mach number of M = 0.87. Verifying this limitation
using Figure 8.2 on page 134 demonstrates a reasonable clearance with respect to the
aeroelastic stability margin.

The starting design exactly resembled the one used in the forward swept wing
study, presented in section 8.5. In order to confirm the mass minimization results,
various variations of the starting design, comprising modifications on thickness and
stacking sequence, were optimized in parallel. Except for sporadic exceptions, all the
starting designs led to the same optimum in terms of minimum mass and optimized
thickness and stiffness.

The minimized masses of the investigated combinations with and without aero
correction as well as balanced and unbalanced laminates are listed in table 9.2. As

Table 9.2: Optimized wing skin masses

balanced unbalanced
with aero correction 576.2 kg 403.9 kg
no aero correction 563.1 kg 423.7 kg

illustrated by the table, consideration of the aero correction did not imply a fixed
impact on optimized mass, given by the fact that the mass increased for balanced,
and decreased for unbalanced laminates. Anyway, the intention of the aero correction
lies in the improvement of sizing loads and the enhanced determination of the aeroe-
lastic responses. Owing to the considerable mass savings of unbalanced over balanced
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laminates, the sections focus will be placed on the results attained with unbalanced
laminates. In response to the vast amount of significant results generated by the
stiffness optimization using aero correction forces, in what follows, depending on the
particular structural or aerodynamic focus, the most interesting load cases only are
selected for presentation, while the results for load cases with either similar or regular
results were skipped.
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Figure 9.16: Aero force development, unbalanced laminates

In a first step, the aero force development during the stiffness optimization was
reviewed to ensure convergence of the structural properties, and of the correction
forces. The results for the four sizing load cases are depicted in Figure 9.16. While a
similar investigation was also performed for the trim application, see Figure 9.9, the
application of the aero correction in the optimization process implied some general
differences. Selecting the optimization process with the CFD correction module be-
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ing called within the optimization loop, Figure 6.6 on page 90, a Tau correction run
was requested every five structure iterations. The dashed blue lines in Figure 9.16
indicate a Tau correction run at the 4th, 9th, 14th . . . iteration step. Accordingly, the
new correction forces were only available for these iterations, while DLM forces were
generated during each iteration step. The graphs state that the Tau and DLM forces
for all sizing load cases converged to steady values, while in parallel the optimization
process minimized the mass objective by modifying the stiffness properties and thus
the aeroelastic behavior. The trim application already proved a fast convergence with
constant structural properties, and the stiffness changes during the optimization did
not considerably deteriorate the convergence behavior. Nevertheless, comparing the
results shown in Figure 9.16 to those shown in Figure 9.9 reveals a more gradual
correction force change during the optimization, compared to the already good agree-
ment seen with respect to the final state for the second Tau correction step in the
trim application.

9.4.1 Optimization Results

The above discussion of the aeroelastic force convergence was a prerequisite for prov-
ing the validity of the mass optimized design that will be discussed in the following.
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Figure 9.17: Optimized design, thickness distribution, unbalanced laminates

(a) DLM&Tau (b) DLM

Figure 9.18: Optimized design, Ê11(θ) upper skin, unbalanced laminates

Looking at table 9.2 it can be seen that the weight differences between optimizations
with and without aero correction were only ≈ 5%, indicating rather small differences
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in terms of optimized thicknesses, see Figure 9.17. Nearly no differences could be
detected, except for slight modifications along the front spar. “DLM+Tau” denotes
an optimization with aero correction, while only “DLM” denotes an optimization
without aero correction. Similar results were found for the stiffness distributions, see
Figure 9.18, where only marginal deviations between the two Ê11(θ) could be identi-
fied. In search of a weight optimal solution, bending-torsion coupling was introduced
by tilting the major stiffness direction from inner to outer wing gradually forward.
The negative coupling index thus led to a negative twisting tendency when bending
the wing up. Thereby the center of lift could be shifted inward, eventually reducing
the root bending moment. Interestingly, the optimization with aero correction led
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Figure 9.19: Aeroelastic constraints development, DLM+Tau, unbalanced laminates

to an active divergence pressure constraint, Figure 9.19(a), while it was not active
when optimizing with DLM only, however, in both optimization scenarios, with or
without aero correction, mass minimization dominated the stiffness distribution, so
that the aero correction only led to slight modifications of the thickness mainly. The
aileron effectiveness remained clearly in the feasible domain, the lowest, still inactive
response is shown in Figure 9.19(b).

X

Y 1001

1002

1003

1004

LC

(a) DLM&Tau, upper skin

X

Y 1001

1002

1003

1004

LC

(b) DLM, upper skin

XY

1001

1002

1003

1004

LC

(c) DLM&Tau, lower skin

XY

1001

1002

1003

1004

LC

(d) DLM, lower skin

Figure 9.20: Optimized design, sizing load case per field, unbalanced laminates

More prominent differences when applying aero correction revealed when looking
at the load cases that accounted for the highest strength or buckling failure index in
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each design field, Figure 9.20. Plots in the left column depict upper and lower skin
of the optimized model including aero correction, the equivalent, but without aero
correction, is shown in the right column. While wing skin sizing for the optimization
without aero correction was clearly dominated by nz = +2.5g LC 1002 and nz =
−1.0g LC 1003 and only a few design fields being sized by LC 1004 and none by
LC 1001, the allowance for aero correction led to a perceptibly different distribution.
Distinct spanwise and chordwise regions developed, comprising all sizing load cases
considered in the optimization. Making only a minor contribution when optimizing
without aero correction, the high Mach number pull up maneuver LC 1004 now
contributed considerably to the sizing, allocating approximately the same area as the
low Mach number pull up maneuver LC 1002. In the outer wing nz = −1.0g LC
1001 developed more influence on sizing as compared to the optimization without
correction. The high Mach number push down LC 1003, which dominated large
parts of the wing skins when optimizing without correction, only showed minor sizing
contributions when the aero correction was applied. It should be noted that the
failure indices for different load cases simultaneously rested on the constraint in the
optimized design, and accordingly only slight differences in the index can cause a
swap from one sizing load case to the other. The failure indices are discussed in more
detail lateron in Figure 9.24.

9.4.2 Aeroelastic Results

The differences in twist for an optimization with aero correction compared to an opti-
mization without, is depicted in Figure 9.21, in which the spanwise twist distribution
for two high Mach number sizing load cases 1003 and 1004, and for two representative
cruise load cases 2007 and 5007, featuring the largest mass variation among the inves-
tigated cruise conditions, compare table 8.7 on page 139, are shown. Unexpectedly,

2 4 6 8 10 12 14 16 18
−7

−6

−5

−4

−3

−2

−1

0

1

span, m

tw
is

t, 
de

g

 

 

LC 1003
LC 1004
LC 2007
LC 5007

 

 

opt. with TAU+DLM
opt. with DLM

Figure 9.21: Optimized design, twist distribution with and without aero correction, unbal-
anced laminates

the nz = +2.5g pull up maneuver LC 1004 in both optimizations showed a negative
tip twist, differing by ≈ 2◦. The reason for this could be found in the bending-torsion
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coupling evoked by the variable stiffness orientation, see Figure 9.18. The twist dis-
tribution promoted compliance with the divergence pressure constraint and helped
to alleviate loads in the outer wing, thus supporting mass minimization. The twist
being more negative when considering aero correction could be attributed to the dif-
ferent structural designs and to the more negative aerodynamic airfoil moment, as
explained in section 9.3 for the trim application. As a result of the superposition of
geometric coupling of the forward swept wing, and the negative aerodynamic twisting
moment, and despite the lower inertial and therefore aerodynamic loading in case of
the nz = −1.0g push down maneuver LC 1003, the wing twisted considerably more
negatively for LC 1003 compared to LC 1004. Again, the difference between the aero
corrected design and non-corrected design could mainly be attributed to the different
aerodynamic moment distribution.
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Figure 9.22: Optimized design, twist distribution with and without aero correction, DLM
trimmed with Tau, unbalanced laminates

To determine how the wing structure, optimized with pure DLM, would behave
under more realistic loading conditions, a trim analysis as described in section 9.3
was executed, thus allowing for an assessment of the potential error induced by the
simplified aerodynamics. Twist results of the optimization with and without aero
correction are depicted in Figure 9.22. The plot acknowledges the trend that was
already evident in the design variable plots, Figure 9.17 and 9.18. As a result of
the apparently connatural designs, the twist distributions for the four selected load
cases are very similar. As expected, the influence of the minor differences in twist on
the spanwise lift and moment distribution proved to be minimal; the results for the
high Mach number load cases 1003 and 1004 are depicted in Figure 9.23. The first
two chordwise coupling rows in the root section of the wing were not plotted as they
did not contribute to the elastic deformation, see section 9.3. Evidently, hardly any
differences were visible for the lift and moment distributions.

Given that the strain and buckling failure indices are very sensitive with respect
to small changes in stiffness, another comparison between the optimization with aero
correction, and the optimization with pure DLM, but trimmed with Tau afterwards,
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Figure 9.23: Optimized design, spanwise force and moment distribution, unbalanced lami-
nates

is depicted in Figure 9.24. Shown are the failure indices for all four sizing load cases,
with element numbers 1 to 247 belonging to the upper skin, and element numbers
248 to 494 to the lower skin. The left column depicts the responses for the regular
analysis including correction forces. All the strain and buckling failure responses for
all sizing load cases were smaller or equal than 1.0, hence within the feasible range.
However, with many responses settling right on the feasible design border there is
an indication of a maximized material exploitation. The inner and mid wing were
clearly dominated by strain failure constraints in both, the upper and lower skin.
Mostly the outer wing region, elements ≈ 150 to 247 in the upper skin, and elements
≈ 400 to 494 in the lower skin, showed increased buckling failure indices that also
contributed to the sizing. As expected, the elements in compression featured larger
buckling failure indices than elements in the tension regions. The right column of
Figure 9.24 depicts results of the structure optimized with DLM, but trimmed with
Tau. The distributions clearly point to the fact that, despite the seemingly similar
optimized design variables, Figure 9.17 and 9.18, the inclusion of correction forces
had a very noticeable influence on failure indices. The larger wing skin weight of the
DLM-optimized structure is reflected in smaller failure indices for load cases 1001 to
1003, however, load case 1004, Figure 9.24(h), showed considerable violations of the
failure index constraint. When assuming the Tau calculations to predict better the
real aerodynamic loading, the results indicated that an optimization using DLM only
is not necessarily conservative.
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50 100 150 200 250 300 350 400 450
0

0.2

0.4

0.6

0.8

1

1.2

element number

fa
ilu

re
 in

de
x

LC 1002, strainLC 1002, buckling

(c) LC 1002, opt. with DLM&Tau

50 100 150 200 250 300 350 400 450
0

0.2

0.4

0.6

0.8

1

1.2

element number

fa
ilu

re
 in

de
x

LC 1002, strainLC 1002, buckling

(d) LC 1002, opt. with DLM, Tau trim
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(f) LC 1003, opt. with DLM, Tau trim
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Figure 9.24: Optimized design, failure indices, unbalanced laminates
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In order to emphasize the influence of the aero correction on the optimization
results in terms of modified structural properties, the wing that was optimized with
an aero correction was analyzed without correction forces. To this end, the converged
correction force vectors ∆fτ for each load case were set to zero. Both analyses, with
and without correction force for the same wing structure, had to fulfill the static trim
conditions defined by the particular load cases. Since the aircraft weight in the anal-
yses was identical, this implied that an identical overall lift force had to be generated.
This is demonstrated by means of the spanwise lift force and moment distributions,
Figure 9.25, in which the results for the push down and pull up maneuver load cases
at M = 0.87, LC 1003 and 1004 are shown. Due to the only small differences between
the analyses with and without the converged correction force ∆fτ , LC 1001 and 1002
were skipped. While the sum of lift forces for the calculations with and without ∆fτ
were the same, the distributions without correction indicated absolutely larger lift
forces in the outer wing. In both cases this could be attributed to the difference in
y-moment, which twisted the wing more negatively in case of LC 1003 and more pos-
itively in case of LC 1004, keeping in mind that a negative moment twists the wing
nose down.
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Figure 9.25: Optimized design, spanwise force and moment distribution, with (blue) and
without (red) applied correction force ∆fτ

While the absolutely larger y-moment for ∆fτ twisted the wing to smaller angles of
attack and therefore increased negative lift in the outer wing for the negative load
factor load case 1003, the opposite happened in case of the positive load factor load
case 1004. Inferring from the associated failure indices shown in Figure 9.24(e) and
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9.24(g) it could be argued that the corrected lift and moment distribution for LC
1003 produced considerable failure index rise, while the opposite occurred for LC
1004, where the decreased y-moment mainly led to an alleviation of failure indices.

9.4.3 Aerodynamic Results

Having focused on the positive load factor load cases 1002 and 1004 when discussing
aerodynamic details in section 9.3, the two remaining sizing load cases 1001 and 1003
will be highlighted in this section. Referring to table 9.1 on page 160, LC 1001 and
1003 correspond to the negative load factor counterparts of LC 1002 and 1004, hence
to a low and a high Mach number load case respectively.

The pressure difference distributions of Tau and DLM at equidistant spanwise
stations are presented in Figure 9.26. Each plot in addition depicts the undeformed
and deformed FE and CFD mesh. As a result of the negative load factor nz = −1.0g,
the wing needed to generate a down force equivalent to the aircraft weight. The
corresponding pressure distributions featured a considerable negative pressure peak
on the lower wing surface nose, which in turn led to the dominant positive peak in
the pressure difference distribution shown in Figure 9.26. The airfoils rear loading
characteristic as a result of the associated camber line was reflected in a negative
pressure difference in the rear portion of the airfoil, still contributing a positive lift
force. The net surface below the ∆Cp curve, however, was positive, thus resulting
in negative, downward overall lift force. Again, the doublet lattice W2GJ camber
correction accounted for an important contribution to the good agreement of Tau
and DLM ∆Cp. In the leading edge region, the finite discretization of DLM did
not allow for covering the full pressure peak as was possible with the distinctly finer
Tau mesh. Deviations also existed in the trailing edge region, which due to their
distance to the airfoil quarter chord led to deviations in the twisting moment, as
will be shown later. The mesh cuts depicted in Figure 9.26 along with the pressure
difference distribution were designated for supervising the CFD mesh deformation,
see section 6.4.2 for a description of this process. The coincidence of the finite element
and CFD mesh, evident throughout all the depicted cut stations, demonstrated the
operability of the deformation routines on the basis of the selected coupling points.

The distinct influence of a Mach number increase from M = 0.597 for LC 1001 to
M = 0.87 for LC 1003 is shown in Figure 9.27 to 9.30, in which the pressure and force
results for LC 1003 are plotted. In Figure 9.27 strong recompression shocks in the
Tau pressure distribution can be seen, with the outermost pressure cut indicating two
shocks on the lower surface. Details on the Mach number distribution are provided in
Figure 9.28, where the line plots are used to indicate the Mach number on upper and
lower surface, along with a Mach-equivalent surface shading on the deformed wing.
The strong recompression shock on the lower surface is clearly accented by the sharp
change in the shades of gray in Figure 9.28, two of which are visible in the wing tip
region of the lower surface.

As a consequence of the shocks, the pressure difference distributions depicted in
Figure 9.29 no longer show many similarities. While the DLM distribution maintained
the characteristics depicted in Figure 9.26 for LC 1001, the Tau distribution changed
entirely, reflecting the two recompression shocks by sharp pressure changes. The
consequences of this for the coupling forces are illustrated in Figure 9.30. Compared
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Figure 9.26: Optimized design, LC 1001, ∆Cp comparison, unbalanced laminates
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Figure 9.27: Optimized design, LC 1003, Cp Tau, unbalanced laminates

Figure 9.28: Optimized design, LC 1003, Mach number, lower surface, unbalanced lami-
nates
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to DLM, Tau generated less downforce in the leading edge region and higher lift at the
trailing edge. Moreover, it was striking that the DLM pressure difference distributions
provided for nearly zero force at the center nodes in each rib. Due to the similarity
of Tau and DLM coupling forces for LC 1001, they will not be presented here.

Mach: 0.870
h: 6700.0 m
q: 22694.0 Pa
n_z: −1.00 g
CL_tau: −0.184
alpha: −2.429 deg

XY

TAU
DLM

Figure 9.30: Optimized design, LC 1003, coupling node force vectors, unbalanced laminates

Optimized spanwise force and moment distributions for LC 1001 and 1003 are
shown in Figure 9.31. As it was already concluded from the pressure difference dis-
tributions shown in Figure 9.26, the DLM moment distribution for LC 1001, Figure
9.31(a), featured slightly larger values than that obtained with Tau. The difference
in lift force seemed to be more prominent. While lift and moment distributions for
the corresponding nz = +2.5g low Mach number load case 1002, Figure 9.13 on
page 171, showed perfect agreement in moment and a good agreement in lift, the
absolute differences in lift according to Figure 9.31(a) approximately doubled. The
largest disagreement is seen in Figure 9.16(a), in which the convergence behavior of
the correction forces was shown. As expected, the deviations between Tau and DLM
increased for the high Mach number load case 1003, Figure 9.31(b). Referring to
Figure 9.16(c), the relative error rose from ≈ 26% for LC 1001 to ≈ 40% for LC 1003.

Demonstrating possible drawbacks of DLM compared to Tau in cruise flight con-
ditions, the aerodynamic results for one of the investigated cruise load cases, LC 3007,
eventually are summarized in Figure 9.32. As defined by the load case number, mass
case three (compare table 8.6 and 8.7 on page 139) comprised a full passenger load-
ing and a fuel loading corresponding to the end of cruise flight. The Mach number
distribution depicted in Figure 9.32(a) indicated a strong shock on the upper surface
only in the root region. In the mid and outer wing the recompression shock appeared
only in a considerably attenuated form, but then with a clear inverse notch just up-
stream of the actual pressure recovery. Throughout the span the lower surface did not
demonstrate recompression shocks as it remained slightly below M = 1. The implica-
tions of the described Mach distribution on ∆Cp are depicted in Figure 9.32(b). The
agreement of Tau and DLM was not very good, especially in the mid and inner wing
region. The spanwise net force and moment distributions resulting from ∆Cp, Figure
9.32(c), showed a considerably good agreement at least in the outer wing. In the mid
and inner wing however, deviations increased for both, lift and moment distribution,
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Figure 9.31: Optimized design, LC 1003, spanwise force and moment distribution, unbal-
anced laminates

thus demonstrating the potential of an aero correction with Tau.
Although the cruise load cases did not contribute to the structural sizing, the

corresponding wing twist distribution is very important when it comes to aerodynamic
performance. It has already been shown, Figure 9.21 and 9.22, that the influence of
aero correction on the optimized structural design twist distribution in cruise was
rather marginal. Nevertheless, this can only be ensured for the investigated laminar
airfoil wing, featuring merely weak shocks in cruise flight. Consideration of the aero
correction on a wing exhibiting different shock characteristics in cruise, is believed to
yield a different influence on the twist distribution.

Finally, to complete the spectrum of investigated load case types, in Figure 9.33
an impression on the doublet lattice and coupling force results for one of the four
aileron effectiveness roll load cases considered in the optimization is provided. Other
than sizing and cruise, the aileron effectiveness load cases were not incorporated in
the CFD correction loop. As a consequence of the roll motion analysis for α = 0◦

in Nastran, the wing experienced a span dependent angle of attack αy that can be
expressed as function of roll velocity ω:

αy = tan−1

(
ωy

V∞

)
. (9.11)

This was reflected in the pressure difference distribution along the span, featuring an
increasing pressure peak on the nose towards the wing tip. The implication of the
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Figure 9.32: Optimized design, cruise load case 3007, unbalanced laminates
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Figure 9.33: Optimized design, aileron effectiveness LC 1012, ∆Cp and coupling node force
vectors, unbalanced laminates

aileron deflection was clearly noticeable in the strong pressure difference decrease in
the aileron region, motivated by the local change in camber on the one hand, and
by the discontinuity at the DLM hinge line on the other hand. In section 2.2.1 on
page 27 it was mentioned that a unit aileron deflection δ = 1.0 was applied in the
derivation, keeping in mind that, due to system linearity, the deflection magnitude
does not influence the normalized coefficients. The unit deflection corresponding to
δ = 57.3◦ was now reflected in the large pressure peak. Accordingly, the coupling force
nodes showed large upward lift in the aileron region and, as a result of the induced
angle of attack, counteracted the lift forces in the rest of the wing. It is interesting
to note that the W2GJ influence is not reflected in the Nastran roll motion analysis.
Considering the derivation of aileron effectiveness in section 2.2.1, it can be seen that
only gradients with respect to aileron deflection and roll are involved in the calculation
of the static equilibrium for a constant roll velocity. Since airfoil camber only shifts
the lift curve up or down, but does not influence its gradient, it effectively does not
influence aileron effectiveness.

9.5 Numerical Results: Mass Minimization Including Shear
Webs

In order to give a short impression of the capability to include more structural entities
than just the wing skins in the optimization process, the results of a forward swept
wing mass minimization including the shear webs will be presented in this section.

To this end, the model developed for the preceding mass minimization was adopted
completely, comprising finite element model, load case definitions, mass cases, and also
the CFD model, applied in the affiliated aero correction process. The optimization
model was adapted to the modified application region, the new design field setup
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is depicted in Figure 9.34. While the wing skin distribution, Figure 9.34(a), was
adopted from the previously presented mass optimization, 18 additional design fields
were introduced in the shear webs, Figure 9.34(b), totaling to 86 fields.

X

Y

(a) skins, 68 fields

X

Y

(b) shear webs, 18 fields

Figure 9.34: Design fields

The sum of wing skin and shear web mass formed the objective to be minimized,
while applying regular strain and buckling constraints on each element involved in
the design fields. As before, aileron effectiveness and divergence were constrained to
ηail ≥ 0.0 and qdiv ≥ 35000, respectively. Several starting designs were investigated
to consolidate the optimal solution by reproducing it with independent optimizations.

The optimization yielded a minimum mass for wing skins and shear webs of
511.5 kg, 413.7 kg of which was allocated to the wing skins, and 97.8 kg to the shear
webs. In comparison to the mass minimization that did not feature shear webs in the
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Figure 9.35: Optimized design, thickness comparison, unbalanced laminates

optimization model and which yielded a minimized mass of 403.9 kg, see table 9.2, the
change in wing skin mass was rather marginal. A direct comparison of the optimized
design field thicknesses, Figure 9.35, indicated only small deviations in the root region
and closely matching values in the mid and tip region of the wing. The optimized
thickness distribution in the shear webs is plotted in Figure 9.36, and as indicated
already in the two-dimensional representation of Figure 9.35 shows a monotonously
decreasing shell thickness towards the wing tip. It should be noted that the shear web
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Figure 9.36: Optimized design, shear web thickness, unbalanced laminates

thickness when not being part of the optimization model was fixed to 20.0mm at the
root and 15.0mm at the tip, linearly varying, see page 136 in the previous chapter,
thus resulting in a non-optimized shear web weight of ≈ 313 kg.

The optimized stiffness distributions are plotted in Figure 9.37. The distributions
in the wing skins, Figure 9.37(a) and 9.37(b), resembled closely the previous results
of the skin-only optimization. The newly designed stiffness distributions in the shear
webs are shown in Figure 9.37(c).

(a) lower skin (b) upper skin

Y

X

(c) shear webs

Figure 9.37: Optimized design, Ê11(θ), unbalanced laminates

As can be seen from the plot, optimization for minimal mass resulted in a clear
tendency towards major stiffness directions of ≈ ±45◦ in the front spar, thus, it
resembled a classical shear web layup, where ±45◦ cross-ply fiber angles constitute the
optimum distribution in terms of load path and hence maximum material exploitation.
The rear spar did not show a clear tendency in major stiffness alignment, but rather
a span dependent, locally optimal solution. With the chordwise aerodynamic center
laying in the vicinity of the quarter chord, it is the front spar which usually carries
a considerable part of the shear force. Consequently, the optimization adopted the
stiffness distribution accordingly. As for the wing skin stiffness distributions, the
same forward tilting of the main stiffness direction as in the skin-only optimization
was observed, resulting in a negative coupling index and thus a decrease in wing twist
when bending up.

The sizing load cases in each design field are illustrated in Figure 9.38. Compared
to the results without shear web optimization, Figure 9.20(a) and 9.20(c), LC 1001
gained some more influence in the lower skin of the outer wing. Other than that,
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no major changes occurred. It is interesting to note that despite the not particularly
different thickness distribution in the front and rear spars, see Figure 9.35, completely
different sizing load cases were responsible for their sizing, Figure 9.38(c).
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Figure 9.38: Optimized design, sizing load case per field, unbalanced laminates

A deeper insight could be obtained by investigating failure indices directly, see Figure
9.39. Elements 496 to 519 belonged to the front spar, elements 520 to 543 to the rear
spar. While the rear spar was sized exclusively by LC 1004, with a single exception in
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Figure 9.39: Optimized design, failure indices in the shear webs, unbalanced laminates

the outer wing, the front spar was clearly dominated by LC 1001 and 1002, reaching
simultaneously the limit failure value 1.0. This confirms what already had been
depicted in the previous section 9.4; Figure 9.38(c) on its own does not necessarily
allow for a clear understanding concerning the most important load cases, since for
example other than deduced from it, LC 1002 according to the results depicted in
Figure 9.39 was equally important. Moreover, the buckling failure dominance in the
front spar, and simultaneous buckling and strain failure in the rear spar is clearly
shown in Figure 9.39.

This concludes the example of including multiple structural entities in a stiffness
optimization. Since the aeroelastic and aerodynamic results closely resembled those
depicted in the skin-only optimization, they will not be discussed further.
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9.6 Numerical Results: Stacking Sequence Optimization

Succeeding the continuous optimization process, eventually the preliminary results of
a stacking sequence optimization will be presented in this section. Denoting the re-
sults “preliminary” should suggest that the depicted data constitute the first stacking
sequences obtained for a large scale application. An introduction to the theory of a
stacking sequence table (SST) based genetic algorithm optimization and the genera-
tion of global multi-point approximations using a modified Shepard interpolation is
provided in section 2.3.

The same forward swept wing as described earlier in this chapter served as the
testbed for the SST optimization. The continuous stiffness optimization, with unbal-
anced laminates and without consideration of the aero correction module, led to a
minimum weight of 423.7 kg, see also table 9.2 on page 175. Accordingly, the thick-

0. population initialization:
→ SST 0

GA:
1. phenotype decoding:
→ Â,D̂,h
2. response evaluation based
on approximation:
→ objective and constraints

max. gen-
erations?

3. binary tournament selec-
tion among best designs
4. reproduction
→ new generation SST i

no

0. optimum from cont.opt.:
→ Â0,D̂0, h0

FEM:
1. stiffness implementation:
→ Â,D̂,h
2. sensitivity derivation
3. approximation generation

yes

Âi,D̂i,hi

Figure 9.40: Schematic overview of the GA stacking sequence optimization in combination
with successive approximations

ness and stiffness distributions as shown in Figure 9.17(b) and 9.18(b) constituted the
starting design for the genetic algorithm (GA) SST optimization; slight modifications
to this design will be discussed below. They are denoted Â0,D̂0, h0 in the process
overview depicted in Figure 2.9 on page 39, which is repeated here for ease of reading,
Figure 9.40.
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The optimization model as shown in Figure 9.4 on page 162 consisted of 68 fields,
amounting to 34 fields per wing skin. For the SST optimization, the upper and lower
wing skin were addressed by two independent SST’s, so as not to impose additional
design space constraints by combining structurally separated entities. The design
field numbers are depicted in Figure 9.41. A variety of possible objective functions
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Figure 9.41: Design field numbering

for the SST optimization are listed in table 2.5, page 41. Meddaikar [Med13] has
demonstrated good results when applying an objective direct optimization in a stack-
ing sequence derivation for a wind-tunnel model comprising only few design fields.
The same objective was also selected for the present application: that is, mass was
defined as the objective to be minimized in the GA. Applying exactly the same load
cases as those used for the stiffness optimization resulted in identical constraints on
strain and buckling. The same aileron effectiveness constraint ηail ≥ 0 and divergence
constraint qdiv ≥ 35000Pa were also applied. The parameters required for the GA
optimization are listed in table 9.3.

Table 9.3: GA parameters and guidelines

population size 150
mutation probability 0.8
crossover probability 0.5

number of generations 600
min/max number of plies 18/68

ply thickness 0.25mm
max. dropped plies between fields 40

fiber angles 15◦-steps
max. contiguous plies 4

damage tolerance outer ply ±45◦

max. disorientation between adjacent plies 45◦

The GA mutation rate being unnaturally high was a consequence of a problem specific
need for an adequate exploration of the design space in combination with the mutation
definition, see section 2.3.2. The effect of a single ply angle mutation within a stack of
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e.g. 50 plies is probably rather small, accordingly, a high mutation rate can effectively
increase the search radius. Setting the amount of ply drops between adjacent fields to
40 was done to deactivate the corresponding guideline and thus allow a fair compar-
ison of the stiffness and SST optimizations. The maximum ply number Nmax = 68
was defined by the thickest design field in the continuous optimization, the prescribed
single ply thickness and an additional margin to address possible drawbacks of a finite
stacking sequence compared to a continuous stiffness representation. A manufactur-
ing guideline, stating that at least each fourth ply should not be dropped, plus an
additional layer for symmetry reasons, led to Nmin = Nmax/4 + 1 = 18. It was
for the sake of Nmin resulting in a minimum thickness of hmin = 4.5mm that the
stiffness optimization was repeated with an updated lower thickness limit, previously
amounting to hmin = 1.0mm, which then served a basis for the GA optimization.
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Figure 9.42: Stiffness and SST optimization, ply numbers, ply thickness 0.25mm, unbal-
anced laminates

The results for the unbalanced laminate GA stacking sequence optimization after
five global multi-point approximation loops, depicted in Figure 9.40, will be pre-
sented in the following. Figure 9.42 depicts a comparison of design field ply numbers,
noting that the stiffness optimization values are only virtual, obtained by dividing
the optimized thicknesses with the thickness of a single ply. Design field numbers
were assigned as shown in Figure 9.41. Apparently, the SST optimization was not
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Figure 9.43: Stiffness and SST optimization, thickness distribution, unbalanced laminates
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able in achieving a thickness distribution equivalent to the one obtained for the stiff-
ness optimization. While the optimized mass for the stiffness optimization amounted
to 448.1 kg, the stacking sequence mass summed up to 634.7 kg, corresponding to
≈ 42% weight penalty. The three-dimensional thickness comparison shown in Figure
9.43 moreover indicates that the irregular distribution in case of the SST optimization
might not yet constitute the best possible solution, since in the discrete case a rather
steady decrease in thickness towards the tip should also be expected.
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Figure 9.44: Stiffness and SST optimization, failure indices, unbalanced laminates

A comparison of strain and buckling failure indices for all four sizing load cases,
element numbers 1 to 247 belonging to the upper skin, and element numbers 248 to
494 to the lower skin, is presented in Figure 9.44. As expected from the increased
skin thickness, considerably fewer elements reach the failure boundary in the case of
the SST optimization. Moreover, very few elements exceed the limit failure index at
1.0 by ≈ 1%. This can be attributed to the deviations of the approximated responses
with respect to the real response, the latter of which is computed only after finishing
the inner GA loop.

A comparison of stiffness distributions for continuous and SST optimization, Fig-
ure 9.45, reveals equivalent trends. As for the continuous optimization, also in the SST
optimization the main stiffness direction was tilted forward. However, the polar plots
indicate a rather smeared distribution with a less articulate directional alignment.
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(a) stiffness optimization, lower skin (b) stiffness optimization, upper skin

(c) SST optimization, lower skin (d) SST optimization, upper skin

Figure 9.45: Stiffness and SST optimization, Ê11(θ), unbalanced laminates
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Figure 9.46: SST, unbalanced laminates
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Visualizations of the optimized SST for the upper and lower wing skin are provided
in Figure 9.46(a) and 9.46(b), respectively. The positive fiber angles correspond to
a forward tilt of the fibers, seen in span direction. While these plots can be used to
determine the stacking sequence in each of the design fields by correlating the ply
numbers with Figure 9.41 and 9.42, the plots true purpose is to depict the dominant
fiber angles on the one hand, and an inspection of guidelines on the other hand.
Starting with the guidelines and referring to table 9.3 on page 195, it could be verified
that the damage tolerance guideline is fulfilled by the outer, imposed, 45◦ ply, as well
as the compliance with the ply contiguity guideline, requiring no more than four
consecutive plies with the same angle. The disorientation guideline, asking for a
change in ply angle of adjacent plies being smaller than 45◦, could also be verified,
although it needs to be noted that it can be a tedious task when it is based only
on the graphical representation. Concerning fiber angles it could be observed that
the upper skin was dominated by 0◦ and 15◦ plies. The lower skin showed a clear
dominance of 15◦, followed by 45◦ plies. Accordingly, the stiffness distributions for
the lower skin, Figure 9.45(c), indicated a greater forward tilt of the main stiffness
direction, compared to the upper skin, Figure 9.45(d). As a result of omitting a
guideline defining the minimum amount of plies per fiber angle, in this case ranging
from −90◦ to 90◦ in steps of 15◦, the plies in the upper skin remained within a
range of ±45◦. Hence, there were no fibers in chord direction. The guideline was
omitted to avoid additional constraints in the initialization and reproduction of the
stacking sequence tables. Instead, a guideline limiting the ratio between maximum
and minimum membrane stiffness was implemented, the theory for which was derived
by Abdalla et al. [Abd09]. The lower skin featured a few plies outside the ±45◦ range,
which could also be observed in the more ellipse-like stiffness distributions shown in
Figure 9.45(c).

For the sake of completeness, but also because it constitutes a key result in SST
optimization, the full stacking sequence tables of upper and lower skin are provided
in table 9.4 and 9.5.

Despite the, as yet, rather large differences in the optimized minimum weight
for the SST optimization compared to the continuous optimization, it is believed
that further investigation into the determining guidelines and a survey of previously
proposed objective functions will further improve the SST results. Moreover, the
application of a single SST for the entire upper and lower skin is in all probability not
meaningful for an industrial implementation. Subdivision of each skin into more than
one part would greatly relieve the constraints imposed by the addressed guidelines.
This becomes clear when imagining the limiting case where a separate SST for each
design field is applied, in which case the SST optimization should be able to closely
resemble the continuous stiffness optimization result.

9.7 Summary

A detailed insight into the application and implications of a doublet lattice force
correction using a higher order CFD method and a first application of the stacking
sequence optimization was discussed in this chapter.

The trim application described in section 9.3 demonstrated the general function-
ality and convergence of the correction procedure, and highlighted the differences to
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be expected when using the two aerodynamic methods Tau and DLM. The improve-
ments made in the doublet lattice method due to using a W2GJ camber correction
and the limitations of this correction with the emergence of recompression shocks
were discussed. It was shown that consideration of the camber correction did greatly
improve DLM quality when applied in shock free conditions. The effects of aero cor-
rection consideration on mass minimization, emphasizing the differences with respect
to optimizations that did not feature an aero correction were discussed in detail in
section 9.4. Finally, optimizer functionality in conjunction with multiple structural
entities, a mass minimization covering wing skins and shear webs in the optimization
model, was demonstrated in section 9.5.

The applied Euler method proved to converge reliably with the mesh generated
in sumo and described in section 9.2. Nevertheless, it should be mentioned that the
Euler method has a limited application region. With increasing angle of attack and
thus lift coefficient, Euler predicts the shock to move more and more downstream,
increasing in strength. Flow separation, other than at the sharp trailing edge, cannot
be modeled. Accordingly, in the case of severe aerodynamic load conditions the Euler
results will start to deviate from what can be expected in reality. A possible solution
to this problem is to increase CFD fidelity further, and thus consideration of the full
Navier-Stokes equations along with viscous boundary layers and turbulence modeling.
Apart from the need for a new CFD mesh topology including a prismatic sub-layer,
the required changes to the developed CFD correction module are minimal. However,
this is beyond the scope of the research reported here, but should be investigated.

Eventually, the application of a stacking sequence optimization based on the results
from a continuous stiffness optimization was demonstrated, proving the functionality
of the process.
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CHAPTER 10

Conclusions and Recommendations

“Good night, good night! Parting is such sweet sorrow, that I shall say
good night till it be morrow.”

William Shakespeare

10.1 Conclusions

Composites have a great potential for performance improvement when used in the
load carrying structural components of an aircraft. The benefits can be manifold,
from weight decrease, to controlling elastic deformation behavior to fatigue resis-
tance. In order to tap the potential advantages of composites over conventional,
standardized and computationally well-explored homogeneous materials, new design
methodologies are required and have been under development ever since the benefits
of composites were recognized. Primarily through the use of variable stiffness lami-
nates and the concomitant extension of the design space, new design possibilities are
arising. The ability to exploit deliberately the orthotropic nature of composites in a
variable stiffness design is commonly known as stiffness tailoring, or, in conjunction
with an aeroelastically deforming structure, as aeroelastic tailoring. It is at this point
the work presented in this thesis started, aiming at, as stated in the objective, the

development of a variable stiffness optimization process that incorporated
the possibility of considering static aeroelastic responses in the structural
design of aircraft wings.

The research done to achieve this aim is divided in this thesis into a part describing the
optimization methodology, and a part dedicated to the application in several design
studies. Conclusions drawn from both parts are summarized in section 10.1.1 and
section 10.1.2.
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10.1.1 Stiffness Optimization Process

In the first part of the thesis the development of a design framework suited for vari-
able stiffness laminate optimization of composite structures with static aeroelastic
responses was presented. The global structure of the successive subproblem iteration
scheme was introduced in chapter 2 and linked to subsequent chapters in which the
contributing components were discussed in more detail. This comprised the particu-
larities associated with the derivation of responses and sensitivities using the selected
finite element solver Nastran and the development of response approximations.

In a first step, the parametric model generator ModGen was prepared for the
derivation of suitable finite element, doublet lattice and mass models. This included
the provision for stiffness matrix modeling as a basis for orthotropic composite ma-
terial properties. In order to regulate the spatial stiffness resolution and thereby the
complexity of the optimization problem, the concept of design fields was introduced.
A design field corresponds to a group of finite elements that all feature the same
material properties, expressed as membrane and bending stiffness matrix and thick-
ness. Accordingly, in this case each design field comprised thirteen design variables,
from which six were attributed to each of the stiffness matrices and one for thickness.
Changing a design variable of a design field eventually modifies the stiffness properties
in each of the associated finite elements. The design field implementation allowed for
arbitrary spanwise and chordwise field distributions. While the mere implementation
of design variables and responses in Nastran complied with a standardized formal-
ism, customized output features were considered. This took the form of determining
relevant matrices, such as sensitivities, responses, aeroelastic pressures and forces,
and displacements.

The convex, separable and conservative approximation formulation developed by
IJsselmuiden [IJs11] was adopted in the optimization process. It features linear and
reciprocal contributions in membrane and bending stiffness matrices and a linear
contribution in thickness. Convexity of the reciprocal terms in the approximation
formulation had to be ensured a priori. Physical insight into the element based struc-
tural responses strength and buckling allowed for a dedicated selection of linear and
reciprocal sensitivities, also ensuring convexity of the approximation. Since mass only
depends on thickness, no particular action in respect of convexity was required. The
global aeroelastic responses aileron effectiveness, divergence and twist did not allow
for the derivation of an explicit dependency of the responses on stiffness matrices,
however, to maximize the reciprocal share in the response approximation, a convex-
ification procedure was implemented. The procedure comprised an evaluation of the
eigenvalues belonging to the reciprocal sensitivity matrix. Negative eigenvalues, in-
dicating non-convexity, were separated and expressed in terms of a linear sensitivity
instead. Thus, convexity of the approximation could be ensured, while maximizing
the reciprocal contribution.

A correction procedure for the enhancement of aeroelastic loads using a higher
order aerodynamic method was developed, which played a key role in the variable
stiffness optimization process. The correction comprised two parts, one aimed at
modifying the Nastran internal DLM using a camber correction, and one that mod-
ified the DLM aeroelastic loads at the coupling nodes using CFD. The modular setup
allowed the aero correction process to be inserted easily into the existing stiffness
optimization framework.
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10.1.2 Wing Design with Aeroelastic Constraints

The design studies performed in the second part of the thesis primarily served as
testbeds and benchmarks for the developed optimization framework. Comprising
different levels of complexity, the case studies demonstrated the functionality of the
stiffness optimization process including aeroelastic responses.

In a first application, the general functionality was tested using a generic, A320
like wing structure, chapter 7. Three maneuver and four aileron effectiveness load
cases in combination with one mass case without fuel consideration served as the
basis for a mass minimization and aileron effectiveness maximization. The optimiza-
tion model comprised 44 design fields in the upper and lower wing skin. To verify
the sensitivities supplied by the finite element solver, a comparison with respect to
sensitivities generated with a finite difference approach was made. The test revealed
a shortcoming in the sensitivities related to the coupling terms (1, 3) and (2, 3) in the
stiffness matrices. It was discovered that only unbalanced laminates with non-zero
entries in the coupling terms would also yield appropriate sensitivities. As the inten-
tion is to also apply the optimization with unbalanced laminates, it is recommended
to initiate the optimization with a starting design that is comprised of unbalanced
laminates.
The results of a mass minimization study with an aileron reversal constraint indicated
a mix of element failure types, with a dominance of buckling failure in the outer wing
and simultaneous failure in strength and buckling in the mid and inner wing, and a
mix in load cases contributing to the sizing. Failure indices in the upper and lower
wing skin, in particular for the nz = +2.5g pull up maneuver, stated maximum
material exploitation by simultaneously reaching limit failure indices throughout the
entire wing skin. While the above was true for both optimizations, balanced and
unbalanced, the difference in mass between the two was considerable, amounting to
486 kg wing skin mass with unbalanced, compared to 522 kg with balanced laminates.
As a result of buckling dominance in both, balanced and unbalanced optimizations,
the stiffness distributions did not feature dedicated alignment with a, presumable,
spanwise load path. A comparison of twist distributions for a nz = +2.5g pull up
maneuver indicated a lower tip twist in the case of unbalanced laminates, accounting
for the weight savings by shifting the center of lift towards the root.
Replacing the mass minimization objective with an aileron effectiveness maximiza-
tion while constraining mass to an upper limit of 650 kg again revealed clear advan-
tages of unbalanced over balanced laminates. The aileron effectiveness increased from
ηail = 0.0357 to ηail = 0.0508. Moreover, an explicit impact of the new ηail objec-
tive on the stiffness distribution could be observed. Distributions for the balanced
optimization indicated a distinct increase in torsional stiffness with an adjustment
of the main stiffness direction at angles of ≈ ±45◦. Thus, the tendency of the wing
to sidestep the additional twisting moment induced by an aileron deflection was de-
creased, in return leading to increase in aileron effectiveness. Pronounced adoption of
bending-torsion coupling could be observed in the case of the unbalanced optimiza-
tion. With the main stiffness direction tilted backwards in the upper and lower skin,
the tendency towards twist increase when bending the wing up was induced, counter-
acting the regular tendency of twisting towards more negative angles for a downward
deflected aileron. In this context, a coupling index Ξ was defined, indicating the
tendency of the wing to twist positively or negatively when bending up.
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Owing to a forward swept wings aeroelasticity driven disadvantages in terms of
wing weight, a detailed investigation into the effect of aeroelastic constraints on
the skin mass for a forward swept wing was conducted, chapter 8. The wing ge-
ometry, along with basic flight envelope parameters was adopted from the DLR
project LamAiR. Apart from the regular geometry featuring a leading edge sweep
of ξ = −16.8◦, two additional wings with less sweep were also investigated. Provision
for a fuel model along with variable passenger loading required the consideration of
multiple mass cases and thus sensitivity analyses in the preparation of the response
approximations. The optimization model consisted of 70 design fields in the upper
and lower wing skin.
In a first set of optimizations, the influence of an aileron effectiveness constraint
(ηail)min was investigated. With wing skin mass as the objective to be minimized,
the only other constraints considered were strain and buckling. It could be shown
that unbalanced laminates for all aileron effectiveness constraint limits outperformed
the balanced designs by savings of ≈ 15% in wing skin mass. As expected, smaller
sweep angles resulted in lower wing skin masses. With increasing (ηail)min the same
tendencies in stiffness distribution as in the previous optimization of the swept back
wing could be observed. While in the case of balanced laminates the torsional stiffness
was maximized, the main stiffness direction in the case of unbalanced laminates tilted
backwards, supporting a positive coupling index.
The influence of a divergence pressure constraint (qdiv)min was investigated in a sec-
ond set of optimizations. The most prominent outcome was the minimal influence of
(qdiv)min on wing skin mass for unbalanced laminates. While only the wing featuring
the largest leading edge sweep still showed a slight weight increase with increasing
(qdiv)min, no weight increase at all could be observed for the other, less swept ge-
ometries. Compared to the balanced laminate designs, the savings in wing skin mass
amounted to ≈ 15% for the lowest investigated constraint, further increasing with in-
creasing divergence pressure. A survey of the design variable development revealed a
bending-torsion coupling tendency with a negative coupling index for the unbalanced
laminates. Accordingly, bending the wing up will result in a twist decrease and thus
counteract the divergence affinity. Balanced laminates, missing the degree of freedom
of tilting the main stiffness direction, could comply with an increasing (qdiv)min con-
straint only by the use of local thickness increases and thus suffered mass penalties
compared to unbalanced laminates.
The third set of optimizations highlighted the influence of an upper limit on tip twist
(αtip)max for a cruise load case. Again, unbalanced laminate designs clearly outper-
formed balanced laminates for all investigated (αtip)max constraints and sweep angles.
Unbalanced laminates allowed for twist constraints that could not be accomplished
with balanced designs. In complying with the upper limit on (αtip)max, the stiffness
distributions indicated a negative coupling index by tilting the main stiffness direc-
tion in the outer wing forward. The balanced laminate designs could only achieve the
lower constraint values by locally modifying the thickness distribution.

The final demonstration of the optimization framework was focused on possible
implications of the aero correction procedure. The geometry used for this demonstra-
tion was a forward swept wing, and it resembled the previously introduced LamAiR
configuration. Using a pure trim application without structural optimization
application, fast convergence behavior of the CFD correction forces was confirmed.
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Only three to four finite element steps in combination with CFD calculations were
required to achieve a static equilibrium. A comparison of the converged DLM
and Tau pressure difference distributions for the nz = +2.5g load cases revealed
a good agreement of surface pressures and thus coupling forces in the absence of
recompression shocks. The camber correction using a W2GJ matrix yielded a sensible
enhancement when compared to an uncorrected flat plate distribution. In the
presence of recompression shocks, arising at higher Mach numbers, however, large
deviations between DLM and Tau were observed. The consequences for the coupling
forces and hence the spanwise lift and moment distribution were clearly noticeable.
The DLM limitations could be depicted using a CFD based Mach number variation
study, which showed that beyond M = 0.8 the Prandtl-Glauert correction factor
implemented in DLM was not capable of reproducing the adverse influence of shocks
on the lift coefficient.
The provision for aero correction in a subsequent mass minimization, including
strength, buckling, aileron reversal and divergence constraints revealed noticeable
differences when compared to equivalent optimizations without aero correction.
While wing skin mass increased in the case of balanced laminates, it decreased
for unbalanced laminates when considering aero correction, indicating that the
correction did not imply a prescribed, but a case dependent impact on the optimized
design. In the case of changing stiffnesses during the optimization procedure, the
correction forces also showed convergence to steady values in the optimized design.
It was found that an aero correction step every five structural iteration steps was
sufficient to obtain both aero force and structural convergence. While only two
load cases dominated the design field sizing when omitting aero correction, all four
maneuver load cases contributed to the sizing when optimizing with aero correction.
Moreover, large deviations in spanwise twist for the optimized structures with and
without aero correction could be observed. Trimming the purely DLM optimized
structure with CFD results revealed nearly identical twist distributions. The latter
was a direct implication of the apparently similar skin thickness and stiffness
distributions resulting from optimizations with and without correction. However,
closer consideration of failure indices revealed that the DLM optimized structure
would fail under more realistic CFD loading conditions, thus attesting the potential
benefit, and also necessity for a correction method.
Demonstrating the ability to include additional structural entities aside from the
wing skins, a similar mass minimization as before, but with the consideration of
shear webs in the optimization model, was performed. The optimization process
proved to yield meaningful thickness and stiffness distributions in the shear webs,
with a dominance of buckling failure in the front spar and mixed failure types in the
rear spar.
Finally, the functionality of the stacking sequence optimization process was demon-
strated. Despite the, as yet, rather large differences in optimized mass compared
to that obtained using a continuous stiffness optimization, reasonable stiffness
distributions were obtained while still complying with the major guidelines involved
in a discrete layup design.
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10.2 Recommendations

The variable stiffness optimization framework described in this thesis has been shown
to generate valuable results when applied in the structural design of typical passenger
or transport aircraft configurations. Despite, or actually because of this, several
points still need to be addressed, that will support further development of the process
towards an optimal exploitation of composite materials in load carrying components
and the actual implementation in real world structures.

Provision for unsteady aeroelastic responses in the optimization, like gust loads
and flutter, would considerably extend the scope of operation of the framework. In the
current state, gust and flutter analyses must be performed as post-processing steps
with no direct feedback for the optimization. While gust loads could be approximated
using quasi-steady DLM load cases modified by constant correction forces, Nastran
does provide for responses and sensitivities with respect to critical flutter speed. The
consideration of unsteady aeroelastic responses simultaneously would require a struc-
tural and aerodynamic representation of the entire aircraft in the FE analysis. This
will also improve the quality of the static aeroelastic trim analysis by incorporating
force and moment equilibrium through the use of tailplanes.

The current formulation of the optimization problem in terms of membrane and
bending stiffness matrices is tailored for the optimization of shell-like structural en-
tities. An extension to include one-dimensional stringer properties in the optimiza-
tion would have a significant influence on the overall optimum design. In an initial
approach, allowing for application of the framework in its current setup, stringer
properties could be described using additional, virtual design fields. A more detailed
discussion was provided in section 8.9.

The current formulation of the buckling failure response and sensitivity tool im-
plies each simply supported buckling field is represented by a single shell element.
Consequently, the element resolution in design fields comprising buckling responses
is prescribed to one element covering for instance the skin between two ribs and two
stringers. To be able to increase the resolution, a modified buckling formulation would
be required, capable of incorporating variable loading within a single buckling field.
Moreover, a refinement of the failure envelope applied in the derivation of strain failure
responses and sensitivities would contribute to an enhancement in the quantitative
estimates of absolute optimal weight.

Concerning aero correction, a next step towards realistic aeroelastic loads would
be to switch from Euler to a higher order CFD method like Reynolds-averaged Navier-
Stokes, RANS, that is capable of dissolving the boundary layer and non-linear flow
separation effects.

As for the approximation based optimization algorithm, a screening of active and
inactive constraints would help to reduce the amount of constraints requiring simulta-
neous monitoring, thus enabling the consideration of far more sizing load cases. This
will be required if the framework is to be used in an industrial environment.

It should be noted that a first utilization of the optimization framework in the
aeroelastic design of a wind-tunnel model is scheduled for testing in 2015. The stacking
sequence optimization will involve constraints to ensure the producibility in a hand-
layup technique. Static deformation tests prior to the wind-tunnel campaign will be
performed to check compliance with the deformations targeted during design.
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Finite Element Analysis Alter

A.1 Sensitivities and Responses

A.1.1 File Management Statements

ASSIGN OUTPUT4=’ FSP 02 opt resp1 . op4 ’ , un i t =92, unformatted
ASSIGN OUTPUT4=’ FSP 02 opt resp2 . op4 ’ , un i t =93, unformatted
ASSIGN OUTPUT4=’ FSP 02 opt sens . op4 ’ , un i t =94, unformatted
ASSIGN OUTPUT2=’FSP 02 opt dscmcol . op2 ’ , un i t =95, unformatted

A.1.2 Executive Control Statements

COMPILE SUBDMAP=EXITOPT, LIST
ALTER ’ IF ( DSPRINT ) DSAPRT ’ $

OUTPUT4 R1VALRG, , , ,//−1/92///16 $
OUTPUT4 , , , ,//−2/92 $
$
OUTPUT4 R2VALRG, , , ,//−1/93///16 $
OUTPUT4 , , , ,//−2/93 $
$
OUTPUT4 DSCM2, , , ,//−1/94///16 $
OUTPUT4 , , , ,//−2/94 $
$
OUTPUT2 DSCMCOL, , , ,//−1/95/ ’DSCMCOL’ $
OUTPUT2 , , , ,//−9/95/ $

A.2 Aerodynamics

A.2.1 File Management Statements

ASSIGN OUTPUT4=’ a e r o f o r c e t r i m s o l . op4 ’ , un i t =91, formatted
$
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ASSIGN OUTPUT4=’aeroforce DLM FFAJ2 . op4 ’ , un i t =101 , formatted
ASSIGN OUTPUT4=’aeroforce DLM FFAJ . op4 ’ , un i t =102 , formatted
ASSIGN OUTPUT4=’aeroforce DLM UKTOTAL . op4 ’ , un i t =103 , formatted
$
ASSIGN OUTPUT4=’aeroforce PRG . op4 ’ , un i t =96, formatted
ASSIGN OUTPUT4=’aeroforce PRGPERG . op4 ’ , un i t =97, formatted
ASSIGN OUTPUT4=’ aeroforce AIPG . op4 ’ , un i t =98, formatted

A.2.2 Executive Control Statements

compi le a e s t a t r s l i s t
$ −−−−−−−−− Trim Var iab l e s
ALTER 1221 $
OUTPUT4 UX, , , , //0/91///16
TABPT UX,UXDAT, , , / / ’LONG’ / $
$
$ −−−−−−−−− DLM Forces at Box Centers
ALTER 1247
MATPRN UKTOTAL, , , , / / $
OUTPUT4 UKTOTAL, , , , //0/103///16 $
OUTPUT4 , , , ,//−2/103 $
$
ALTER 1257
MATPRN FFAJ2 , , , , / / $
OUTPUT4 FFAJ2, , , , //0/101///16 $
OUTPUT4 , , , ,//−2/101 $
$
ALTER 1266
MATPRN FFAJ, , , , / / $
OUTPUT4 FFAJ, , , , //0/102///16 $
OUTPUT4 , , , ,//−2/102 $
$
$ −−−−−−−−− DLM Forces at Grid Points
a l t e r ’ append .∗ aipg .∗ a ipg f ’ $

type db s i l s , gp l s $
message // ’ r i g i d ( aero ) f o r c e s ’ $
matgpr gpls , uset , s i l s , prg // ’ g ’ $
OUTPUT4 prg , , , , //0/96///16 $
OUTPUT4 , , , ,//−2/96 $
$
message // ’ e l a s t i c ( aero ) f o r c e s ’ $
add5 prg , perg , , , / prgperg /// $
matgpr gpls , uset , s i l s , prgperg // ’ g ’ $
OUTPUT4 prgperg , , , , //0/97///16 $
OUTPUT4 , , , ,//−2/97 $
$
message // ’ e l a s t i c ( aero + app l i ed − i n e r t i a l ) f o r c e s ’ $
matgpr gpls , uset , s i l s , a ipg // ’ g ’ $



DISPLACEMENTS 213

OUTPUT4 aipg , , , , //0/98///16 $
OUTPUT4 , , , ,//−2/98 $

A.3 Displacements

A.3.1 File Management Statements

ASSIGN OUTPUT4=’ d i sp . op4 ’ , un i t =99, formatted

A.3.2 Executive Control Statements

COMPILE SEDRCVR LIST
ALTER 34

message // ’ wr i t e d i sp lacements to f i l e ’ $
OUTPUT4 UG, , , ,//−1/99///16 $
OUTPUT4 , , , ,//−2/99 $

A.4 Correcting Alters

A.4.1 Executive Control Statements, Alter 1

$ ALTER to c o r r e c t s e n s i t i v i t y order , 2012−05−14, MSC support
compi le ps lgdv
a l t e r ’ bcdr ’ ( 7 ) , ’ ’

BCDR CASEau//0/ ’ ’/0// s , n , mbcflg ////////−1 $

A.4.2 Executive Control Statements, Alter 2

$ ALTER to c o r r e c t mixed SPC, mul t ip l e l c , MSC support
compi le r e spsen l i s t
a l t e r ’ spaw2 ’ (1 , −1) , ’ ’ $

PARAML UGx// ’TRAILER’/1/ S ,N, nrow $ no . o f rows reqd .
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shape functions for a p-type finite element.” In: International Journal for
Numerical Methods in Engineering 28.8 (1989), pp. 1891–1908.

[Bal96] R. J. Balling and J. Sobieszczanski-Sobieski. “Optimization of coupled
systems: A critical overview of approaches.” In: AIAA journal 34.1 (1996),
pp. 6–17.

215



216 BIBLIOGRAPHY

[Bec01] A. Beckert and H. Wendland. “Multivariate interpolation for fluid-struc-
ture-interaction problems using radial basis functions.” In: Aerospace Sci-
ence and Technology 5.2 (2001), pp. 125–134.

[Ber98] J. J. Bertin and M. L. Smith. Aerodynamics for Engineers. Prentice Hall,
1998.

[Blo08] A. W. Blom, S. Setoodeh, J. M. A. M. Hol, and Z. Gürdal. “Design
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“A genetic algorithm with memory for mixed discrete-continuous design
optimization.” In: Computers & Structures 81.20 (2003).

[Ger97] T. Gerhold, M. Galle, O. Friedrich, and J. Evans. “Calculation of complex
three-dimensional configurations employing the DLR-tau-code.” In: 35th
Aerospace Sciences Meeting and Exhibit. Reno, NV, Jan. 1997.

[Ghi09] H. Ghiasi, D. Pasini, and L. Lessard. “Optimum stacking sequence design
of composite materials Part I: Constant stiffness design.” In: Composite
Structures 90.1 (2009).

[Ghi10] H. Ghiasi, K. Fayazbakhsh, D. Pasini, and L. Lessard. “Optimum stacking
sequence design of composite materials Part II: Variable stiffness design.”
In: Composite Structures 93.1 (2010).

[Gie71] J. P. Giesing, T. P. Kalman, and W. P. Rodden. Subsonic Unsteady Aero-
dynamics for General Configurations. Part I. Volume I. Direct Applica-
tion of the Nonplanar Doublet-Lattice Method. Defense Technical Infor-
mation Center, 1971.

[Gie76] J. P. Giesing, T. P. Kalman, and W. P. Rodden. Correction Factor
Techniques for Improving Aerodynamic Prediction Methods. Tech. rep.
McDonnell-Douglas Corp., Long Beach, Calif.: National Aeronautics and
Space Administration, 1976.

[Gre87] J. A. Green. “Aeroelastic tailoring of aft-swept high-aspect-ratio compos-
ite wings.” In: Journal of Aircraft 24.11 (1987), pp. 812–819.

[Gro86] B. Grossman, Z. Gürdal, and R. T. Haftka. “Integrated aerodynam-
ic/structural design of a sailplane wing.” In: Aircraft Systems, Design
and Technology Meeting. Dayton, OH, Oct. 1986.

[Guo12] S. Guo, D. Li, and Y. Liu. “Multi-objective optimization of a composite
wing subject to strength and aeroelastic constraints.” In: Proceedings of
the Institution of Mechanical Engineers, Part G Journal of Aerospace
Engineering 226.9 (2012), pp. 1095–1106.
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Stellingen

behorende bij het proefschrift

Static Aeroelastic Optimization of Composite Wings with
Variable Stiffness Laminates

Johannes Karl Stefan Dillinger
4 juni 2014

1. De optimalisatie van de stijfheidsverdeling van composieten vleugels met
aeroelastische randvoorwaarden draagt significant bij aan de reductie van
massa, tijd en geld. De droom van elke vliegtuigbouwer, zou men denken.

2. De optimalisatie van composieten vleugels is meer dan de koppeling tussen
buiging en torsie. Deze koppeling is eerder een middel dan een doel.

3. In het algemeen geven ongebalanceerde variabele stijfheidslaminaten betere
resultaten dan gebalanceerde. Dit geldt vaak ook voor ongebalanceerde en
gebalanceerde mensen.

4. Het is niet nodig om expliciet te kijken naar vermindering van de belastingen
of het buigmoment in de vleugelwortel wanneer men massa minimaliseert.

5. Proberen om elke dag de vrije tijd te maximaliseren leidt in het algemeen
tot minder vrije tijd.

6. De regel van drie: Inschatten dat iets in n dagen gedaan kan worden, terwijl
het in werkelijkheid ≈ 3n dagen duurt.

7. Ingenieurs kunnen zelfs de vreemdste numerieke resultaten verklaren. Dit is
een gave, maar zeker ook een gevaar.

8. Wezens die in staat zijn om in n dimensies te kijken, waarbij n significant
groter is dan 3, zullen de optimalisatiekoningen zijn, wanneer ze op aarde
zullen aankomen.

9. Aeroelasticiteit bevindt zich op de grens tussen de twee leerstoelen van con-
structies en aerodynamica. Echter, zonder aeroelasticiteit zouden deze twee
stoelen ofwel een houtblok ofwel een vliegend tapijt zijn. Maar wanneer je
beiden in de lucht probeert te gooien, wordt het duidelijk: geen van beide
stoelen zal oprijzen zoals de aeroelastische stoel...

10. Het weze duidelijk dat Mosel Riesling geen oplossing is voor stresserende
situaties, zeker niet wanneer men een doctoraat afwerkt, en doch, hij smaakt
fantastisch.

Deze stellingen worden opponeerbaar en verdedigbaar geacht

en zijn als zodanig goedgekeurd door de promotor Prof. dr. Z. Gürdal.



Propositions

accompanying the thesis

Static Aeroelastic Optimization of Composite Wings with
Variable Stiffness Laminates

Johannes Karl Stefan Dillinger
4 June 2014

1. The consideration of aeroelastic constraints in a composite wing stiffness
optimization contributes significantly to saving mass, time and money. A
manufacturer’s dream, one should think.

2. There is more to composite wing optimization than just bending-torsion
coupling. It is foremost a means, rather than a goal.

3. In general, variable stiffness unbalanced laminates outperform balanced ones.
Interestingly enough, the same often applies to unbalanced and balanced
individuals.

4. There is no need to explicitly worry about load reduction or root bending
moment when mass is the optimization objective.

5. Generally, attempts to optimize daily routines towards an increase of spare
time results in a decrease of the latter.

6. Rule of three: Estimations may suggest that something will require n days
to be completed, yet reality proves that it will be completed only after ≈ 3n
days.

7. Engineers are capable of providing explanations for each ever so weird com-
putational result. This is as much a gift as it is a danger.

8. Species that can see n dimensions, where n is considerably larger than 3,
will be the kings of optimization, once they arrive on earth.

9. Aeroelasticity usually seems a bit caught between the chairs of structures
and aerodynamics. However, without aeroelasticity the chair will either be a
wooden block or a flying carpet. Try to throw both of them in the air, then
you’ll get the picture: none will soar like the aeroelastic chair...

10. It goes without saying that Mosel Riesling is not the solution to stressful
situations, especially when finishing a PhD, and yet, it tastes awesome.

These propositions are regarded as opposable and defendable,

and have been approved as such by the supervisor Prof. dr. Z. Gürdal.
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