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Abstract

The strong search for lightweight materials has become a trend in the aerospace industry. Air-
craft manufacturers are responding to this trend and new aerospace materials are introduced to
build lighter aircrafts. However material manufacturers, like Tata Steel, are unfamiliar with the
determination of running loads and the behavior of materials in fuselage structures. Therefore
an evaluation tool is needed for determining the running loads and evaluating the performance
of new materials. This will give material manufacturers better insight in what properties and
performance are specifically needed for materials in aircraft structures.

The goal of this project is to develop an analytic design, analysis and evaluation tool for both
metal and composite fuselage configurations in Visual Basic Application in order to gain insight
into the structural performance of these material classes and to estimate the weight and required
structural dimensions for both aluminum and composite fuselages.

The fuselage geometry is setup parametrical and modeled as a simplified tube with variable cross-
section without cut-outs and wing box, and it is divided in bays and skin panels. By modeling
the aerodynamic-, gravity-, ground reaction forces and internal pressure a free body diagram
and force/moment distribution is created for several flight and ground load cases, like 1G flight,
lateral gust or landing load cases. The critical load cases are used for analysis.

The running loads, like bending stress, longitudinal stress, circumferential stress and shear stress
are calculated for the entire aircraft fuselage. A clear load pattern is created in order to evaluate
the materials. The materials are evaluated for strength, stability and several other failure modes,
like fatigue and crack growth. The skin panels are optimized for these evaluation methodologies
and after doing so a minimum fuselage weight is obtained for conventional aircraft configura-
tions.

The Airbus A320 is taken as reference aircraft and the running loads and optimization results
of the model are validated with this aircraft. The model proved to be valid and is therefore
considered suitable to be used as an analysis and evaluation tool.

The final stage of the project involved an initial assessment of aluminum and composite as struc-
tural material.
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Chapter 1

Introduction

In the aviation industry there is a drive towards more sustainable and low-emission aircraft due
to market constraints and customer needs. The airline operators are demanding for reduction in
operating cost, since there are concerns about the rising cost of fuel. Consequently, aircraft man-
ufacturers are trying to build lighter aircraft in order to save fuel and reduce the CO2 emissions.
New and advanced materials are in an increasing degree adopted in aircraft structures to achieve
this. The improvements of aircraft structures are mainly achieved by improving the material and
configuration properties under the skin.

Therefore aircraft manufacturers have been gradually increasing its reliance on composite materi-
als and Fiber Metal Laminates. For example, the Boeing 777 featured an all-composite empennage
and composite floor beams. The Boeing 787 fuselage is built in five main sections consisting of
composite materials that account for 50% of the aircraft’s total structural weight. Another ex-
ample is the introduction of Fiber Metal Laminates in the Airbus A380. Also new composite
materials and production methods will be applied to the fuselage of the new Airbus A350.

In the past valuable data is successfully gathered for applications of these new materials, which
has led to improvements on fabrication process and material quality. These improvements are
now offering the technical and economical possibility to extend the application of new materials
to the wing and fuselage structures.

However at this time a problem arises for material manufacturers, like Tata Steel. It becomes
harder and opaque to decide what kind of materials should be developed and what the influ-
ences of these new materials would impose on the aircraft structure. The aircraft manufacturers
have their highly developed analysis programs to predict the performance of materials, unfortu-
nately material manufacturers are missing this luxury and are unfamiliar with the determination
of running loads on a fuselage structure. An analysis tool for determining the running loads and
evaluating the performance of new materials will give material manufacturers better insight in
requirements for new materials for aircraft structure.

Within the scope of the above-described developments and the needs of material manufacturers,
the potential of new materials and structural configurations in aircraft fuselages is investigated
using a parametric analysis tool. This analysis tool is applied on both aluminum and composite
material concepts.

1.1 Research objectives

The objective of this graduation project is to develop a parametric design, analysis and evaluation
tool for both metal and composite fuselage configurations in order to gain insight in the structural
performance of different material designs and obtain the required panel thickness of the analyzed
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configuration. This tool is validated with a fuselage of an Airbus A320 transport aircraft. The
model objective is split in three parts:

• Develop a parametric model for an aircraft fuselage to determine the running loads for various load
cases.

• Extend the model in order to evaluate metal and composite fuselage configurations on the basis of
specific design criteria for input panel thickness.

• Extend the model by adding an optimization process in order to obtain the required panel thickness
with minimized weight.

1.2 Model choice
In order to create the model several options are evaluated. For example, a decision has been
made between creating an analytical model and a FEM model. For this project it is chosen to
create an analytical model for several reasons. The easiest way to create a parametric geometry is
changing the aircraft parameters, which is much easier on an input file than changing dimensions
in a FEM model. Thus the input for an analytical model is also very easy and the model gives a
fast global idea of the analyzed material. Further the analytical model explicitly formulates the
behavior of the equations; therefore the documentation of the knowledge is clear. While the FEM
model implicitly formulates the behavior of the equations, which is an implicit commitment of
knowledge. Therefore a FEM model is not easy transmissible or easily extendable and adaptable,
like the analytical model.

1.3 Methodology
For the evaluation of the fuselage structure, an extended analysis approach is used, including air-
craft specifications, the identification of fuselage loads and evaluation of material and structural
concepts. A parametric model is programmed in Visual Basic Application with the following set
up, which fulfills the objective requirements of this thesis:

• The creation of the geometry and cross-section of the fuselage and determination of the
moment of inertia of the structure.

• The analysis of the moments and forces on the fuselage for each load cases by creating a
suitable sets of load distributions on the fuselage.

• The calculation of the running loads and stresses and evaluation of material and fuselage
configurations.

• The optimization of the skin structure for metal structures.

• The extension of the evaluation and optimization process for composite materials.

• The calculation of structural weight of fuselage.

1.4 Structure of report
The report is setup as follows. First, the model assumptions are discussed in chapter 2. Secondly,
a detailed overview about the theory used in the tool is given in chapter 3 for the geometry,
chapter 4 for the applied forces on the fuselage, chapter 5 over the selected load cases, chapter
6 for determining the running loads and chapter 7 and 8 for the evaluation methodologies and
optimization for the fuselage structure. The complete model procedure is explained in chapter
9. Further the validation results of the model are presented and discussed in chapter 10 and
the composite discussion is given in chapter 11. Finally the conclusion and recommendation are
given in chapter 12 and 13.
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Chapter 2

Model Approach

In this chapter the assumptions made for the configuration are discussed and the data of the
reference aircraft is given. The assumptions made are used to simplify the fuselage geometry in
order to make it suitable for the tool. The data of the reference aircraft are needed to model the
geometry and aircraft weight distribution.

2.1 Assumptions

The assumptions that have been made with regard to the configuration are:

• The method is designed for commercial transport aircraft.

• The aircraft has 2 or 4 engines attached to the wing.

• The main landing gear is attached to the wing.

• The wing loads are transferred into fuselage through the wing spars.

• The airframe equipment and services weight is modeled to be distributed across the fuse-
lage length as are the fuselage structural weight and the payload.

• The tail weight, the tail lift force, the nose landing gear weight and the front and rear bulk-
head weights are modeled as concentrated forces.

• When on the ground the normal force due to the nose gear is also modeled as a concentrated
force.

• When on the ground the lift forces are zero.

• The fuselage cross-section can have a cylindrical, a double bubble or a triple bubble shape.

• The horizontal tail is attached to the fuselage.

• The fuselage is modeled without cut-outs (no windows, (cargo or service)doors, etc.)

• The fuselage is modeled without center wing box.

• The nose landing gear is located after front bulkhead.

• The aerodynamic center of horizontal tail is located before center of gravity of tail.

• The front and rear section cross-section radius is linearly changing.
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2.2 Reference aircraft for validation

In this model an Airbus A320 is taken as reference aircraft to run and validate the model. General
information about this aircraft is given below [1], which are needed for the input file, which is
given in appendix C. The aircraft dimensions and basic operating data are given in table 2.1 and
2.2. In appendix A, detailed pictures of this aircraft are given. These dimensions are used as
reference for the model geometry. The design weights of the Airbus A320 are given in table 2.3.
These weights will be used to define the internal load distribution of the aircraft.

Overall length 37.57 m
Tail height 11.76 m
Fuselage diameter 3.95 m
Maximum cabin width 3.70 m
Cabin length 27.51 m
Wingspan (geometric) 34.10 m
Wing area (reference) 122 m2

Wing sweep (25% chord) 25◦

Wheel base 12.64 m
Wheel track 7.59 m
Cargo capacity 37.41 m3

Table 2.1: Aircraft dimensions

Cockpit crew Two

Seating capacity
180 (1-class, maximum), 164 (1-
class, typical), 124 (2-class, typi-
cal)

Service ceiling 12,000 m
Range (w/max. passengers) 4,800 (6,100) km
Max. operating Mach number 0.82
Bulk hold volume 37.41 m3

Engines two V2500 or CFM56-5B
Engine thrust range 98-120 kN

Table 2.2: Basic operating data

Maximum ramp weight 73,900 (78,400) kg
Maximum takeoff weight 73,500 (78,000) kg
Maximum landing weight 64,500 (66,000) kg
Maximum zero fuel weight 61,000 (62,500) kg
Maximum fuel capacity 24,210 (30,190) L
Typical volumetric payload 16,600 kg

Table 2.3: Design weights
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Chapter 3

Geometry

In this chapter a detailed overview of the geometry creation is given. The model is able to generate
various fuselage geometries, since it is set up to be parametric. The fuselage length and shape
as well as the fuselage cross-section are changeable. By changing the input parameters other
aircraft fuselages can be generated. The fuselage consists of frames and bays. Each bay consists
of stringers and skin panels. The stringers have fixed area and properties along the fuselage to be
defined in the input file. For the skin panel an uniform initial thickness is chosen, however these
initial thicknesses are changing for each panel depending on the evaluation criteria. There is also
the possibility to enter the skin panel thicknesses manually.

3.1 Fuselage layout

The simplest modeling shape of a fuselage is assuming to be a cylinder. The length of the cylinder
is equal to the length of the fuselage. However the nose and the tail sections of a fuselage are
smaller compared to the center section of the fuselage. Therefore the fuselage model is split into
three sections: the nose, center and tail section. The nose section has a starting radius of 20%
of the original input radius; this radius linearly increases till the input radius. The whole center
section is equal to the input radius. The tail section starts with a radius equal to the radius of
the center section and decreases to 20% of this radius. The nose section starts at the nose of the
fuselage and ends at the position of the nose landing gear, the center section goes from this point
till the rear bulkhead and the tail section starts at the rear bulkhead till the tail end of the fuselage.
The following layout for the fuselage is created.

Figure 3.1: Fuselage lay-out

3.2 Frames and bays

The fuselage bending moment and shear forces change in longitudinal direction. Therefore it
makes sense to divide the fuselage into multiple parts in lengthwise direction, by creating frames
and bays. The fuselage frames are the circumferential reinforcements of the fuselage outer sur-
face. The number of frames is variable by a minimum of seven and is an input for the model.

5



Figure 3.2: Fuselage lay-out generated in Hypermesh

In the fuselage there are seven fixed frames defined. The first frame is assumed at the nose and
the last frame assumed at the tail end. Between these frames the other five frames are at the front
and rear bulkhead, front and rear spar and nose landing gear location. The positions of these
frames are dependent on the aircrafts specification; therefore it is an input for the model.

The positions of the remaining frames are divided by ratio depending on the distances between
the fixed frames and are equally distributed between these fixed frames. The fuselage bay is the
space between two frames and therefore dependent on the number of frames. The number of
bays is equal to the number of frames minus one. The division of the fuselage in bays will allow
dimensioning the different panels of the fuselage to the bending moment and shear force that
apply to that specific location on the fuselage.

Figure 3.3: Fuselage frame distribution zoomed in front

Figure 3.4: Fuselage frame distribution
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3.3 Cross-section

In circumferential direction the loads have a different effect on the fuselage. A moment on the
fuselage will cause bending of the fuselage. The top part will experience tension due to positive
bending, the bottom part will experience compression and the sides will experience shear stresses.
Therefore it is chosen to divide the cross-section in multiple skin parts, which depends on the
number of stringers and hereby creates fuselage panels. This allows every fuselage panel to be
dimensioned not only to the right moment or shear force, but also to the specific type of stress
the fuselage panel is subjected to. This division allows every individual panel to be optimized for
different materials. Therefore a mix of material in the fuselage design is an option. For this model

Figure 3.5: Definitions in fuselage cross-section

various cross-section types are definable using figure 3.5 [2]. The following relations (distances
and angles) are needed to create the cross-section.

y1 = 0.5
√

2
bf1
2

y2 = 0.5
√

2
bf2
2

(3.1)

φ1 = arcsin
y1

R1
φ2 = arcsin

y2

R1
(3.2)
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θ =
90 · π
180

− arcsin
y1 − d1

R3
ψ =

90 · π
180

− arcsin
y2 − d2

R2
(3.3)

For a cylindrical fuselage d1 and d2 will be zero, for a double bubble fuselage cross-section only
d1 or d2 will be zero. The distances y1 and y2 determine the angles φ1, φ2, ψ and θ. These angles
determine where the borders of the cross-sectional panel are. For a cylindrical fuselage each angle
should be 45◦.

The stringers are evenly distributed on the cross-section. Using the cross-section relations the y
and z coordinates of the stringers and mid-point of the skin panels are determined. The fuselage
cross-section as results of the parametrical cross-section generation is generated in Hypermesh
with plotting the y and z coordinates of stringers for the reference aircraft, which is given in
figure 3.6.

Figure 3.6: Cross-section of model generated in Hypermesh

3.3.1 Floor support beam

When considering a triple or double bubble fuselage cross-section a change in fuselage radius
should coincide with the location of a floor and the panel border. This is necessary because a
change in fuselage radius will cause a sideward force due to the unequal hoop stress. The floor
members will carry this sideward force [3]. The equilibrium of this situation is as follows:

σ1 =
pR1

t1
σ2 =

pR2

t2
(3.4)

cosα2 =
w

R1
cosα2 =

w

R2
(3.5)

Vertical equilibrium:

pR1
w

R1
− pR2

w

R2
= 0 (3.6)

Horizontal equilibrium:

pR1 sinα1 + pR2 sinα2 = T (3.7)

The parameters are defined in figure 3.7.
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Figure 3.7: Floor beam allows cabin pressure to be carried by membrane stresses

3.3.2 Reference radius

Further for calculation of the hoop stress a reference radius is taken for double bubble or cylindri-
cal, because a double bubble or cylindrical cross-section have various radii [4]. The determination
of reference radius is seen in figure 3.8.

Rref = RA or Rref =
R1 +R1 + d1 + d2

2
(3.8)

Figure 3.8: Reference ratio for cylindrical cross-section

3.4 Idealization of structure

The cross-section of the fuselage is idealized in order to simplify the calculation for the moment
of inertia. The stringers are simplified to booms with area Astr, and location ystr and zstr. The
(bended) skin panels are assumed to be flat with thickness tsk, width bsk and location ysk and zsk.
A sketch of the idealization with the defined parameters is given in figure 3.9.

3.4.1 Neutral Axis

The neutral axis always passes through the centroid of area of a cross-section but its position of
the neutral axis compared to the reference axis depends on the form of the applied loading and
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Figure 3.9: Idealization of the cross-section

the geometrical properties of the cross-section. The shift of the neutral line is determined by [5]:

yNL =

Ns∑
n=1

[
tsknbsknyskn + Estr

Esk
Astrnyskn

tsknbskn + Estr
Esk

Astrn

]
(3.9)

zNL =

Ns∑
n=1

[
tsknbsknzskn + Estr

Esk
Astrnzskn

tsknbskn + Estr
Esk

Astrn

]
(3.10)

Where Ns is the number of stringers and n is 1, 2, 3, . . . , Ns. The y and z axis are then y = yref −
yNL and z = zref − zNL, if the cross-section is not symmetric. Otherwise there is no difference
between the reference axis and neutral axis.

3.4.2 Moment of Inertia

The moment of inertia of the cross-section is needed to calculated the stress distribution on the
fuselage due to the bending moment, which will be discussed in chapter 6.

The moment of inertia around the y and z axis is given by [5]:

Iyy =

Ns∑
n=1

[
tsknbsknz

2
skn +

Estr
Esk

Astrnz
2
skn

]
(3.11)

Izz =

Ns∑
n=1

[
tsknbskny

2
skn +

Estr
Esk

Astrny
2
skn

]
(3.12)

Iyz =

Ns∑
n=1

[
tsknbsknysknzskn +

Estr
Esk

Astrnysknzskn

]
(3.13)
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3.5 Description of elements

3.5.1 Skin panel

The skin panels are assumed to be between two stringers with a thickness tsk and spacing bsk.
The number of skin panels is equal to the number of stringers.

3.5.2 Stringer properties

The number of stringers is constant along the mid-section of the fuselage. In the front and rear
section the number of stringers is determined by ratio depending on the size of the cross-section.
This is done to prevent small stringer spacing at the front and rear section, since the cross-section
is smaller.

In the first instance the stringer is idealized to a boom with a fixed area. This is done to determine
the moment of inertia of the cross-section. In a later stadium a detailed property for the stringer is
given to evaluate the stringer material as well as the stringer configuration. The detailed stringer
can be created by defining the dimensions given in figure 3.10. During the material evaluation
this property is also evaluated by determining the moment of inertia for the specific stringer.

3.5.3 Frame properties

The frame has the same mechanical properties as the stringer. The dimensions are defined simi-
larly using the dimensions in figure 3.10.

Figure 3.10: Stringer and frame properties

3.5.4 Padding properties

The padding is assumed to be integrated into the skin at the stringer side. Figure 3.11 shows an
illustration of padding.
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Figure 3.11: Padding properties
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Chapter 4

Forces

In this chapter the weights and forces acting on the fuselage are explained. The Free Body Dia-
gram for an aircraft fuselage is derived and the calculation of force and moment distribution on
the fuselage is given.

4.1 Forces acting on fuselage

The forces that act on the aircraft’s fuselage can be categorized in four different types:

• Aerodynamic forces

• Gravity forces

• Ground reaction forces

• Internal pressure

4.1.1 Aerodynamic forces

The aerodynamic forces are the lift and drag forces. The tail lift force is modeled as a concentrated
force on the fuselage acting at the location of the horizontal stabilizer aerodynamic center. The
wing lift force is transferred to the fuselage through the front and rear wing spar. The contribu-
tion of the drag to the bending moment is assumed to be negligible. The magnitude of the two
lift components can be calculated as follows [6].

The lift forces equal the aircraft weight times the load factor, both when in horizontal equilibrium
(n = 1) and when accelerating upward due to maneuvers or gust (n 6= 1). The value for the load
factor is calculated using the load cases.

L = Lw + Lh = nW (4.1)

The pitching moment around an axis through the aerodynamic center is:

M = Mac + nW (xcg − xac)− Lh(xach − xac) (4.2)

The definition of the x locations are given in figure 4.1. The lift and pitching moment are defined
as:

L = CL
1

2
ρV 2S (4.3)

M = Cm
1

2
ρV 2Sc̄ (4.4)

13



In non-dimensional form this can be written as:

Cm = Cmac +
nW

xcg−xac
c̄

qS
− CLh

(xach − xac)
c̄

ηh
Sh
S

(4.5)

The tail configuration efficiency is ηh = qh
q = 0.85, c̄ can be determined graphically in method by

Torenbeek [7] and Cmac = 0 during flight. The horizontal tail lift coefficient:

CLh =
Cmac c̄qS + nW (xcg − xac)

ηhqSh(xac − xach)
(4.6)

The aerodynamic force found in this section is only to balance the aircraft during a steady flight
with various load factors or for landing. Other aerodynamic forces will be introduced in chapter
5 for horizontal and vertical tail. These aerodynamic forces are included separately and are added
above the steady aerodynamic forces depending on the used load cases.

4.1.2 Gravity forces
The gravity forces are the forces exerted on the fuselage by the weight of the aircraft components,
such as wing, tail and bulkheads. The total aircraft weight is the weight of payload, fuel and
operational empty weight (OEW):

MTOW = OEW +Wfuel +Wpay (4.7)

The fuel weight and the payload are inputs for the model. The fuel is stored in the wing and
sometimes partly in the wing-fuselage center section. The payload consist of passengers and
cargo together. The payload is evenly distributed between the front and rear bulkhead.

The OEW is divided into three groups that can each be divided into smaller groups:

• Airframe structure

This group consists of wing, fuselage, tail, landing gear and surface controls.

• Propulsion group

The propulsion group consists of the engines; items associated with engine installation and
operation, the fuel system and thrust reversing provisions.

• Airframe equipment and services

This group includes the APU, instruments, hydraulic, electric and electronic systems, fur-
nishing and equipment, air conditioning, anti-icing equipment and some other miscella-
neous equipment.

The calculation of all weight components will be treated in appendix B. Table 4.1 and figure 4.1
show the distribution of all weight components. The weights of both bulkheads are modeled
as concentrated forces acting on the fuselage. The same holds for the weight of the nose landing
gear, the tail weight, the tail plane lift force and the nose wheel reaction force. The last is of course
only taken into account when the aircraft is on the ground. When the aircraft is on the ground the
lift forces are assumed to be zero. There are two other discrete forces acting on the fuselage. These
are the forces exerted by the front and rear wing spar. The sum of these forces are calculated by
solving the horizontal equilibrium of the fuselage:

Ffs+Frs = n·(q1l1 +q2l2 +q3l3 +q4l4 +q5l5 +q6l6 +Wfbh+Wrbh+Wnlg+Wtail)−Nnlg−Lh (4.8)

By taking the moment around the rear wing spar the front spar force is calculated as follows:

Ffs =
1

(xrs − xfs)
·
(

1

2
nq1l

2
1 + nq2l2(

1

2
l2 + l4) +

1

2
nq4l

2
4 + nq6l6(l2 + l4 +

1

2
l6)

+nWfbh(l2 + l4) + nWnlg(xrs − xnlg)−
1

2
n(q1 + q3)l23 − nq5l5(l3 +

1

2
l5)

−nWtail(xcgh − xrs)− nWrbh(xrbh − xrs) + Lh(xach − xrs))

(4.9)
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Load Weight components Range

q1

Fuselage, passenger floor, air conditioning system,
electrical system, furnishing and equipment, hy-
draulic and pneumatic system, instruments, naviga-
tional and electronic system, surface control group,
automatic pilot system, cockpit controls, payload,
miscellaneous

front bulkhead - rear bulkhead (l1)

q2 Front cargo floor front bulkhead - front spar (l2)
q3 Rear cargo floor rear spar - rear bulkhead (l3)
q4 Wing-fuselage support structure, center section fuel front spar - rear spar (l4)
q5 APU, tail plane support structure rear spar - end of fuselage (l5)
q6 none nose - front bulkhead (l6)

Table 4.1: Distribution of aircraft weight components

Using equation 4.8 and 4.9 the rear spar force can be calculated. Since all the forces and weights
acting on the fuselage are known the load (force and moment) distribution can be created. This
will be treated in section 4.2.

Figure 4.1: Forces acting on the aircraft

4.1.3 Ground reaction forces

Ground reaction forces are forces resulting from ground maneuvering and are transferred into
the fuselage through the front landing gear and the front and rear spar (which transfer the loads
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from the main landing gear). Ground reaction forces include forces resulting from landing and
braking. In case of a landing the fuselage is bent in the same way as during in-flight maneuvering.
Niu [8] states that the load factor resulting from landing is smaller than the maximum load factor.
The larger the aircraft the lower the landing load factor. The landing load case will be discussed
in section 5.7. A braked roll as stated by the FAR regulations §25.493 will be treated in section 5.9.

4.1.4 Internal Pressure

During flight an artificial pressure level is maintained in the fuselage which is essential for trans-
porting people. The resulting pressure difference results in a hoop stress in the fuselage skin. In
circumferential direction hoop stress is largest [4]:

σhoopcirc =
∆pR

t
(4.10)

In longitudinal direction the hoop stress is:

σhooplong =
∆pR

2t
(4.11)

The pressure difference ∆p is the internal pressure minus the pressure at maximum cruise alti-
tude. The internal pressure level is equal to a pressure altitude of 2400 m. Recent designs like
the Airbus A350 and Boeing 787 use a higher internal pressure that is more comfortable to the
passengers. This pressure is equal to a pressure altitude of 1800 m. As a consequence the pres-
sure difference increases from about 49500 N/m2 to about 61500 N/m2. This will increase the
minimum skin thickness needed to withstand the pressure difference. In section 5.11 the pressur-
ization will be treated.

4.2 Load distribution

The forces described in section 4.1 produce a bending moment and a shear force in the fuselage
structure. The loads vary in lengthwise direction. To obtain the right bending moment and shear
force on each fuselage bay the load distribution is calculated using a method by Timoshenko [9].
This method considers the fuselage as a beam loaded by forces and moments. These forces pro-
duce internal forces at the cross-section of the beam. The illustration in figure 4.2 shows how
these internal forces and moments are calculated for one fuselage cross-section considering it as
a cantilever beam [2].

The beam is loaded by a force F at location corresponding to the current frame location. The beam
is cut at location x, which corresponds to the location of the next frame. The left part is isolated
as a free body. To keep the body in equilibrium a force D and a moment MB at the cross-section
counteract the force F and moment MA at the other end. Actually D and MB represent the action
of the right hand part of the beam on the left hand part. The vertical equilibrium of forces and
the moments around the cross-section give:∑

F = 0→ D = F
∑

M = 0→MB = Fx+MA (4.12)

The force D and bending moment MB for fuselage frame B have now been determined. The
internal forces for the next frame are calculated in the same way. The force F is then force D and
moment MA is MB .

This method is applied to the entire fuselage. The acting forces and moments are calculated for
each fuselage cross-section. A force and moment line across the entire fuselage is obtained. These
resulting force and moment lines are used to determine the running loads. For running load
determination the acting forces and moments on a bay are used. Therefore forces and moments
on the current bay are obtained by interpolation between the two neighboring frames.
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Figure 4.2: Calculation of load distribution
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Chapter 5

Load cases

In this chapter the load cases are discussed, which are used in the model to generate a load
distribution among the fuselage structure. Each load case can happen once a lifetime or even
every flight. The aircraft structure should be designed to withstand the forces for each load cases
and even for a combination of load cases.

5.1 Aviation regulations

The aviation regulations for large airplanes are clustered in the JAR-25 [10]. These are technical
requirements, which define how aircraft manufacturers should prove that structural integrity of
their aircraft is guaranteed to ensure the safety of persons, either direct or indirect, with an ac-
ceptable small possibility of fatal accidents.

As far as fuselage structures are concerned, the requirements address four different load cate-
gories, i.e. flight loads, flight loads combined with internal pressure, ground loads and internal
overpressure alone. The aircraft structure must be able to withstand the described conditions in
combination with the aircraft operational configuration at the time of these conditions. A thor-
ough analysis of these load cases is hence required.

5.2 Limit load cases

Several load cases are considered as the dominant conditions for the fuselage analysis and there-
fore considered in this analysis. These limit load cases are:

Flight cases (with and without cabin pressurization)

• Symmetric maneuver and gust loads

• Lateral gust

• Horizontal tail elevator deflection

• Side slipping flight

Ground cases

• Three-point landing

• Two-point landing

• Abrupt ground braking

Internal pressurization

• Cabin pressurization (1.33 times normal pressurization)
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Using the available aircraft data, the fuselage loads are estimated by implementing theoretical
approaches. The fuselage load estimations are bases on both theory and practice provided by
Lomax [11] and Torenbeek [7] bundled in Astori [12]. The implemented methods are described
in the next section. All loads mentioned are limit loads. Unless stated otherwise a safety factor of
1.5 has been applied to obtain the ultimate loads, FAR §25.303.

5.3 Unit and combined load cases

Unit Load Cases (ULC) Load

ULC1 Cabin Pressurization Pressurization (no aerodynamic loads, no
weights)

ULC2 1G Weight (no aerodynamic loads, no pressur-
ization)

ULC3 Lateral Gust Vertical tail side gust (no weight, no pressur-
ization)

ULC4 Symmetrical Horizontal Tail
Deflection

100-100% distribution downward (-) and up-
ward (+) (no pressurization, no weight)

ULC5 Side Slipping Flight Vertical tail reaction (no pressurization, no
weight)

ULC6 Three-point Level Landing Weight, nose landing gear reaction (no pres-
surization, no aerodynamic loads)

ULC7 Abrupt Ground Breaking
Weight, nose landing gear reaction and hor-
izontal distributed acceleration (no pressur-
ization, no aerodynamic loads)

Table 5.1: Unit load cases

Combined Load Cases (CLC) ULC
CLC8 -1G Maneuver -ULC2
CLC9 -1G Maneuver + Cabin Pressurization -ULC2 + ULC1
CLC10 2.5G Maneuvre 2.5·ULC2
CLC11 2.5G Maneuver + Cabin Pressurization 2.5 · ULC2 + ULC1
CLC12 Lateral Gust + Cabin Pressurization ULC3 + ULC1
CLC13 -Lateral Gust + Cabin Pressurization -ULC3 + ULC1

CLC14 Horizontal Deflection Upward + Cabin Pres-
surization ULC4 + ULC1

CLC15 1G Maneuver + Horizontal Deflection Up-
ward ULC2 + ULC4

CLC16 1G Maneuver + Horizontal Deflection Down-
ward ULC2 - ULC4

CLC17 1G Maneuver + Cabin Pressurization + Hori-
zontal Deflection Downward ULC1 + ULC2 - ULC4

CLC18 1.33 times Cabin Pressurization (1.33 ·∆p) 1.33 · ULC1

Table 5.2: Combined load cases
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5.4 Maneuver loads
In-flight maneuvering causes a maneuver load factor. This factor represents the ratio of the aero-
dynamic force to the weight of the airplane. The maneuvering envelope (V-n diagram) describes
the variation of the load factor with airspeed for maneuvers [6], see figure 5.1. At lower speeds
the maximum load factor is constrained by the maximum lift coefficient; at higher speeds it may
be restricted as specified by JAR §25.337, for civil transport category aircraft.

Figure 5.1: Maneuvering loads

The formula that links the velocity with load factor, when no additional constraints are defined,
comes from the definition of lift and load factor as follows:

VE =

√
nW

1
2ρCLS

√
ρ

ρ0
(5.1)

Where, n is the load factor,W is the aircraft weight, ρ and ρ0 the air density at altitude and ground
level, CL is the maximum lift coefficient, and S is the wing reference area.

The maximum lift coefficient can be estimated with simplified formulas based on Howe [13]:

CL = 1.5 cosλ 1
4
, flaps up CL = (1.5 + ∆CL) cosλ 1

4
, flaps down (5.2)

Where, λ 1
4

is the sweep angle at 25% chord and ∆CL is the lift coefficient maximum increment
due to loading and trailing edge flaps extraction. The latter factor ∆CL depend on the type of
high lifting devices installed.

The positive and negative maneuver load factors can be fixed to 2.5 and -1.0. The maximum
bending moment on the fuselage will be obtained for this maximum load factor in combination
with maximum airplane weight. In calculation it is assumed this weight is the MTOW. In the free
body diagram method described in section 4.1.2 all weight components will be multiplied with
this load factor.

Due to the weight distribution and the load factor the fuselage will experience downward bend-
ing moment for positive load factor, which will cause tension at top panels, compression at bot-
tom panels and shear at side panels with the maximum forces at the center section of the aircraft,
where the bending moment and forces are the largest. If the load factor is negative, top panels
will experience compression, the bottom panels will experience tension and side panels shear.
These load case will have large impact in dimensioning of the mid-section of the aircraft.
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5.4.1 Gust load factor

Besides maneuver loads the flight loads include gust loads. When an aircraft in flight counters
an upwards gust it experiences a very rapid change in direction of relative wing. The aircraft will
experience an angle of attack increase. Assuming no change in forward velocity this larger angle
of attack will lead to a larger lifting force. This in turn means an increase in load factor. The link
between airspeed and load factor is linear and defined by [6]:

n = 1±
kgCLα

1
2ρ0VEUE
W
S

(5.3)

Where n is the load factor,W is the aircraft weight,CL is the lift coefficient, α is the angle of attack,
S is the wing reference area, kg is the gust alleviation factor, UE is the equivalent gust velocity, VE
is the equivalent airspeed and ρ0 is the air density at ground level.

The gust alleviation factor, which accounts for the fact that a gust is not sharp-edged, is defined
as follows:

kg =
0.88µ

5.3 + µ
(5.4)

Where the aircraft mass ratio µ is defined by:

µ = 2
W/S

ρgCLα
(5.5)

Where W/S is the wing loading, g is the gravity acceleration and ρ is the air density.

The inertia factor of the aircraft is represented by CLα , the lift curve slope. The lift curve slope is
a function of Mach number and is described by Howe [13]:

CLα =
2π

2
A +

√
( 2
A )2 + 1

cos2 λ −M2
cr

(5.6)

Where A is the wing aspect ratio, λ is the wing sweep angle and Mcr is the critical Mach number.

The gust velocity and the aircraft forward velocity influence the load factor as well. When at very
high speeds a high speed gust is encountered it will lead to a very high load factor. Therefore
boundaries have been set for aircraft speed-gust combinations that are not to be exceeded by the
pilot. This is depicted in the gust load diagram in figure 5.2. The dotted lines indicate the gust
speeds, the continuous lines form the operating boundary.

The gust velocityUE is by regulations [10] defined as a function of the flight airspeed and altitude,
as indicated in table 5.3. VB is the design speed for maximum gust intensity, VC is the cruise speed
and VD is the dive speed. At altitudes higher than 20000 ft the gust velocity must be interpolated
with the value at 50000 ft.

Gust velocities UE [ft/s]
Airspeed 0 to 20000 ft 50000 ft
VB 66 38
VC 50 25
VD 25 12.5

Table 5.3: Gust velocities
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Figure 5.2: Gust envelope

The parameter influencing the gust load factor is the wing loading W/S. The higher the wing
loading the lower the gust load factor will be. Large aircraft generally have a higher wing load-
ing than smaller aircraft and will be less sensitive to gust. For a specific aircraft the highest gust
load factor on the fuselage is obtained for the configuration in which the aircraft has the smallest
wing loading, i.e. when flying empty. This makes a straightforward comparison of the gust and
maneuver load case based on the load factor difficult. In case the gust load factor is higher, the
gust load case does not necessarily result in a higher fuselage bending moment or shear force
since the mass in this case smaller.

The positive and negative gust load factors can also be fixed to 2.5 and -1.0. The maximum
bending moment on the fuselage will be obtained for this maximum load factor in combination
with maximum airplane weight (MTOW). The loads experienced during gust is assumed to be
equal to critical maneuver load; therefore the model will be run for the load factor 2.5 and -1.0.

5.5 Lateral gust

The lateral gust loads on the vertical tail seem to be more important than the loads due to abrupt
maneuvers, over swing, abrupt check backs and engine out conditions, according to Lomax [11].
The lateral gust formula according to JAR-25 [10] is hereafter reported:

Lv = kg ·
1

2
ρ0 · UE · VE · Sv · CLvβ (5.7)

Where LV is the side load on vertical tail, CLV is the side lift coefficient, β is the side slip angle,
SV is the vertical tail reference area, kg is the gust alleviation factor, UE is the equivalent gust
velocity, VE is the equivalent airspeed and ρ0 is the air density at ground level.

The gust alleviation factor is defined by:

kg = 0.88
µv

5.3 + µv
(5.8)

Where µv is the lateral mass ration, defined by:

µv = 2
IZ

ρc̄vCLvβSvl
2
v

(5.9)
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Where finally IZ is the aircraft yaw moment of inertia, cv is the mean geometric chord of the ver-
tical tail, lv is the distance between aircraft center of gravity and vertical tail lift center and ρ is the
air density at altitude. IZ is approximately determined by considering the fuselage and wings to
be a couple of prismatic bodies, with mass uniformly distributed.

Since the vertical tail is typically a low aspect ratio wing with high fuselage interference, the side
lift coefficient derivative with respect to side slip angle β cannot be computed with the usual wing
method, but better with the following formula, provided by Torenbeek [7]:

CLvβ =
2π

1 + 3
Av cosλv

(5.10)

Where Av is the vertical tail aspect ratio and λv is the vertical tail sweep angle. The considered
gust velocities are given in table 5.3. The used gust velocity is 50 ft/s. The load is concentrated in
the vertical tail aerodynamic center, as shown in figure 5.3.

The lateral gust causes compression and tension on the side panels. The variation of compression
or tension depends on the direction of the lateral force. The top and bottom panels are subjected
to shear. The focus of the load lies on the mid and rear section, since the lateral force is kept
in equilibrium by the lateral spar forces. This load case will be critical for dimensioning of the
panels in the mid and rear section of the fuselage.

Figure 5.3: Vertical tail load

5.6 Horizontal tail elevator deflection

The elevator deflection condition concerns an asymmetrical and symmetrical horizontal tail load
as indicated in JAR-25 [10]. In the symmetrical case 100% of the maximum loading are acting
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on both semi-tails, however in the asymmetrical case 100% of the maximum loading act on one
semi-tail and 80% on the other. In this model only the symmetrical case is used, with possibil-
ity to change to the asymmetrical case when desired. Further the horizontal tail load can work
downwards and upwards, both conditions are taken into account.

A simplified approach derived from [11], considers the maximum tail load LH consequent to an
abrupt elevator maneuver, described by 5.11.

Lh = kr ·
1

2
ρV 2 · Sh · CLhδe · δeMAX (5.11)

Where CLh is the tail coefficient, Sh is the horizontal tail reference surface, δe is the elevator de-
flection, kr is the aircraft response factor for abrupt elevator maneuvers and ρ is the air density at
altitude.

This formula neglects the balanced 1G tail lifting condition that normally is negligible with re-
spect to maximum tail load. It is advised by Lomax [11] to set kr = 0.9, that is actually a worst
condition since it ranges from 0.7 to 0.9. The computation of LH requires the evaluation of the
derivative CLhδe , which is given by [7]:

CLhδe
CLhα

=

√
Se
Sh

(5.12)

Where α is the angle of attack, Se is the elevator surface and Sh is the horizontal tail surface.

The lift coefficient slope can be estimated with the following equation already mentioned in the
vertical tail calculations:

CLhα =
2π

1 + 3
Ah cosλh

(5.13)

Where Ah is the horizontal tail aspect ratio and λh is the horizontal tail sweep angle. The illus-
tration of the symmetrical loading on the horizontal semi-tails, with loads applied to the aerody-
namic centers, is given in figure 5.3.

The horizontal deflection causes tension at top panels and compression at bottom panels if it
works downward. Compression at top panels and tension at bottom panels are caused if the
horizontal force works upward. In both cases the side panels experience shear. The horizontal
force is critical for the mid and rear section, since the force is kept in equilibrium by the two wing
spar forces.

5.7 Three-point level landing

For the three-point level landing condition, the nose landing gear vertical reaction is relevant for
structural analysis. The computation includes the horizontal component due to wheel spin-up.
The nose landing gear vertical reaction VN is given by Lomax [11]:

VN = (nL − 1)W
F

1 + F
(5.14)

Where nL is the landing load factor and W is the weight of the aircraft. Variable F is defined by:

F =
b+ 0.25eM

a+ b− 0.25eN
(5.15)

Where, a is the horizontal distance between nose landing gear and center of gravity, b is the hor-
izontal distance between main landing gear and center of gravity and hcg is the height of center
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Figure 5.4: Symmetrical horizontal tail loads

of gravity to ground. Further, eM = hcg − rM and eN = hcg − rN with rM is the main gear wheel
rolling radius and rN is the nose gear wheel rolling radius. The illustration of situation is given
in figure 5.5

The horizontal component on the gears due to spin up can be estimated as follows:

HM = 0.7 · VM (5.16)

HN = 0.7 · VN (5.17)

The horizontal landing gear components are relevant for landing gear strut sizing and not in the
fuselage stress distributions; therefore it is neglected in this case.

Normally the landing load factor nL is set to values lower than 2.5 for the transport category air-
craft. In this case a landing load factor of 2 is assumed in order to find the load distribution due
to the landing.

The landing will have a compared load distribution with the maneuver and gust load distribu-
tions, since the aircraft is still flying on the ground, only a normal force is expected in the nose.

5.8 Two-point level landing

This load condition is eliminated, because available references indicate that typical load factors
for the transport category aircraft are lower than 2.5; then this load condition is reasonably in-
cluded in the symmetrical maneuver/gust loads.
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Figure 5.5: Forces during three-point level

5.9 Abrupt ground breaking
The worst condition is the start of full braking, which induces a pitch nose down angular accel-
eration and consequent overload on the nose landing gear. The breaking is considered to be at
its limit level given by the maximum friction factor between the ground and the tire. The main
landing gear wheels are considered to brake only, since the nose wheels are free.

According to JAR §25.493 [10], the nose landing gear vertical reaction VN due to a sudden break-
ing is given by the following equation:

VN =
W

a+ b
· f · µ · a · hcg
a+ b+ µ · hcg

(5.18)

Where, W is the weight, a is the horizontal distance between nose landing gear and center of
gravity, b is the horizontal distance between main landing gear and center of gravity and hcg is
the height of center of gravity to ground, µ is the friction factor between the main landing gear
and ground, which is normally 0.8, and f is the dynamic factor, which is normally 2.0. The illus-
tration of situation is given in figure 5.6.

Since this condition the aircraft is breaking, a longitudinal component of acceleration should be
considered. The acceleration is approximated as followed. The vertical load on main landing
gear, in steady conditions, is given by:

VM = W − VN (5.19)

This is a rather hazardous hypothesis, because the nose landing gear load is computed with a
dynamic factor, meaning that the aircraft is experiencing a pitch rotational acceleration.

If the braking is done close to the maximum friction coefficient µ, the longitudinal force is de-
scribed by:

HM = µ · VM (5.20)

This means an acceleration of the aircraft given by:

a =
HM

M
(5.21)

Where M represents the aircraft mass.
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Figure 5.6: Forces during braking

5.10 Side slipping flight

Flying with side slip causes sideways bending of the fuselage. The highest side slip angles are ob-
tained during an in-flight engine failure case. The asymmetrical thrust causes a moment around
the center of gravity. The pilot has to neutralize that moment with a rudder deflection. Eventually
a steady flight will be established. Maximum side slip angles are 8◦, but an over swing factor of
1.6 should be applied [14]. Figure 5.7 shows the side slip situation. The tail force that will cause
the fuselage sideways bending moment is calculated as followed:∑

Mcg = 0 → 0 = TyengFtail cosβ(xach − xcg) (5.22)

Ftail =
Tyeng

cosβxach − xcg)
(5.23)

5.11 Pressurization

The differential pressure is a function of the maximum operating altitude and is given by the
following equation:

∆p = pcab − pop = p0 ·

[(
1− azcab

T0

) gR
a

−
(

1− azop
T0

) gR
a

]
(5.24)

Where, pcab is the cabin pressure, popalt is the pressure at maximum operational altitude, p0 is
the ground pressure equal to 101.325 kPa, a is the absolute vertical temperature gradient equal to
0.0065 K/m, zcab is the cabin altitude, which is in this case 2400 m, T0 is the ground temperature
equal to 288.15 K, zop is the maximum operational altitude, g is the gravity constant of 9.81 m/s2,
and R is the constant for ideal gas of 287.05 J/kg·K.

The pressurization causes internal pressure forces in the aircraft. These forces cause tension all
over the fuselage, during the flight due to pressurization the compression caused at bottom is rel-
atively decreased due to counteraction of the stresses. The pressurization is applied between the
front bulkhead and the rear bulkhead, in the section fore and after there is no pressure difference
between outside and inside pressure, therefore no pressure forces are exerted in these sections.

28



Figure 5.7: Forces during side slipping flight
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Chapter 6

Running loads

In this chapter the running load and stress distribution derivation from the loads for the fuselage
are explained. In the first instance the fuselage cross-section is idealized and from the idealized
situation the bending stress on the stringer and skin panel combination is calculated. The shear
flow caused by shear force and torsion is also calculated for the skin panels.

6.1 Bending

The bending moments My and Mz cause the fuselage to bend. A part of fuselage is subject to
tensile stresses, while the other part is in compression. The line separating these two regions is
called the neutral axis. It is a straight line and it always goes through the center of gravity of the
cross-section. The stresses applied on the fuselage can be derived from the general equation [5]:

σx = (
MzIyy −MyIyz
IyyIzz − I2

yz

)y + (
MyIzz −MzIyz
IyyIzz − I2

yz

)z (6.1)

The fuselage cross-section can have theoretically non symmetric shapes; therefore this general
equation is programmed into the model for the calculation of the bending stress.
If the cross-section of the fuselage is symmetric about the y-axis or about the z-axis (or both), then
Ixy = 0. This simplifies the above equation to:

σx =
My

Iyy
z +

Mz

Izz
y (6.2)

The direct stress is calculated for each stringer and neighboring skin panels. In other words the
calculated stress on a location of stringer is the total stress working on the stringer and the half
of the two neighboring skin panels. Since the equation of the bending stress does not specify
the specific bending stress in the stringer and skin panel, the bending stress is converted to a
force which applies to this specific part, see figure 6.1, whereas later the specific stress in the
stringer and skin panel are calculated separately according to the applied force and material for
the stringer and skin panel. The applied force distribution on the fuselage can be calculated by:

F = σx ·
(

Estr
Eskmean

Astr +
Eskleft
Eskmean

1

2
Askleft +

Eskright
Eskmean

1

2
Askright

)
(6.3)

In this equation it is assumed that each skin panel as well as stringer can have different materials,
therefore the E-modulus is taken into account by normalizing the E-modulus by defining the
weighted cross-sectional area.

Emean =
AstrEstr +AskrightEskright +AskleftEskleft

Astr +Askright +Askleft
(6.4)
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Figure 6.1: Calculated force on each stringer and skin

The top part of the cross-section will experience tension force and the bottom part compression
force, or vice versa, depending on the applied bending moment. The maximum absolute value for
the forces is always at the real top and bottom of the cross-section, because it has the largest arm
to the neutral line of the cross-section. The bending stress close to the neutral line is smaller and
obviously zero at the neutral line. The schematic distribution of the load on the fuselage cross-
section is given by figure 6.2. The separate stringer and skin stress is needed for the evaluation

Figure 6.2: Force distribution on the fuselage cross-section

of materials. The stress in a material is described by strain times E-modulus or force divided by
area [5]:

σ = εE =
F

A
(6.5)

The stringer and skin combination can experience different stresses, but the strain will always be
equal. The strain for the stringer and skin combination is given by the following equation:

ε =
F

AstrEstr + 1
2AskleftEskleft + 1

2AskrightEskright
(6.6)
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Since the strain ε is known, the corresponding stresses can be calculated in the specific parts.

σstr = εEstr σskleft = εEskleft σskright = εEskright (6.7)

On each skin panel applies two different forces and therefore two different stresses are derived for
each panel. The overall stress on a skin panel is assumed to be the average of the found stresses.

Figure 6.3: Calculated stress on each stringer and skin

6.2 Shear

The shear forces Fy and Fz cause shear stress on the fuselage. The shear flow is the gradient of a
shear stress force through the body. For a fuselage cross-section, the determination of the shear
flow distribution in the skin produced by shear is basically the analysis of an idealized single cell
closed section beam. The shear flow distribution is therefore given by the following equation [5]:

qsn = qbn + qs0 (6.8)

Equation 6.8 is applicable to loading cases in which the shear loads are not applied through the
section shear center so that the effects of shear and torsion are included simultaneously. The first
term on the right-hand side of equation 6.8 is the ’open section’ shear flow qbn . Therefore a ’cut’
in one of the skin panels are needed to calculate qbn for each panel, which is given equation 6.9.
The shear flow in the panel with a cut is assumed to be zero qb1 = 0.

qbn =−
(
FyIzz − FzIyz
IyyIzz − I2

yz

)(
tsknbsknzskn +

Estr
Esk

Astrnzstrn

)
−
(
FzIyy − FyIyz
IyyIzz − I2

yz

)(
tsknbsknyskn +

Estr
Esk

Astrnystrn

)
+ qbn−1

(6.9)

The shear flow qs0 in the panel with a cut is found by taking moments about a convenient moment
center of the cross section. Since the qbn are constant between booms, the shear flow qs0 is given
by:

qs0 =

N∑
n=1

2Abnqbn
2Abn

(6.10)

In whichAbn is the individual areas subtended by the skin panels at the center of the cross section.
The complete shear flow distribution follows by adding the value of qs0 to the qbn shear flow
distribution, which gives the final distribution, see figure 6.4.

6.3 Torsion

A fuselage is basically a single closed section beam. The shear flow distribution produced by a
pure torque is therefore given by the following equation [5]:

q =
T

2A
(6.11)
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Figure 6.4: Shear flow distribution on the fuselage cross-section

It makes no difference whether or not the section has been idealized since, in both cases, the
stringers are assumed not the carry the shear stress. The shear flow due to torsion is added to the
shear flow generated by the shear force depending on the load cases.

6.4 Pressure

When a thin-walled tube or cylinder is subjected to internal and external pressure a hoop (circum-
ferential) and longitudinal stress are produced in the wall as explained earlier in section 4.1.4.
The stress in circumferential direction at a point in the tube or cylinder wall can be expressed as:

σcirc =
∆pR

t
(6.12)

The stress in longitudinal direction at a point in the tube or cylinder wall can be expressed as:

σlong =
∆pR

2t
(6.13)

A schematic view of both stresses are given in figure 6.5 and 6.6.

Figure 6.5: Circumferential stress
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Figure 6.6: Longitudinal stress

6.5 Stress type

6.5.1 Tension

The tension caused by the bending moment is calculated. For the pressurized parts of the fuselage
the hoop stress working in longitudinal direction must be added to the tension level, because the
longitudinal stress due pressure generates tension all over the fuselage. Tension is reacted by the
skin and stringer together. The material yield stress is set as the limiting factor for the allowable
stress.

6.5.2 Compression

The compression caused by the bending moment is also calculated. The compressed areas are
critical, because of the buckling. Compression is reacted by the skin and stringer together. Besides
the material yield stress, the material buckling is also a limiting factor for the allowable stress. In
the most cases the material buckling is the critical factor.

6.5.3 Shear

The shear caused by the shear forces and torsion is calculated. Shear is reacted only by the skin.
The limiting factors in shear areas are the buckling criteria as well as the material shear yield
stress.

6.5.4 Combined loading

For metal buckling analysis besides compression and shear also combined loading will be ap-
plied. In the case of combined loading buckling is caused by compression and shear.

6.5.5 Pressure

The circumferential stress caused by the pressure is calculated. This stress is considerably the
same all over the fuselage and is depending on the radius of the cross-section. Pressure is reacted
by skin only in circumferential direction and both skin and stringer in longitudinal direction.
The limiting factors for the circumferential and longitudinal stresses are to meet the inspection
threshold (fatigue), inspection interval (crack growth) and two-bay-crack.
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Chapter 7

Evaluation methodology

In this chapter the design criteria with corresponding evaluation methodology is discussed for
aluminum and composite. For aluminum crack and buckling analysis is performed. For compos-
ite strength and buckling analysis is performed to determine whether the input panel thicknesses
are able to withstand the forces acting on the fuselage.

7.1 Structural aspects

There are five major structural aspects that have to be considered during the design phase of an
aircraft:

• Static ultimate strength of undamaged structure

• Yield strength of undamaged structure

• Fatigue life of the airframe (crack initiation)

• Static residual strength of damaged structure

• Residual life of damaged structure (crack growth)

Designing for these aspects will provide a structure which will meet the static strength and dam-
age tolerance requirements of the aircraft. The three latter aspects are very important for the
airworthiness and the economics of the present and future aircraft generation. The failure modes
with its corresponding design criteria and allowable data is given in table 7.1.

7.2 Fatigue

Fatigue is a phenomenon caused by repetitive loads on a structure. It depends on the magnitude
and frequency of these loads in combination with the applied materials and structural shape.
Fatigue-critical areas are at the fuselage upper part and at the joints of the fuselage frames to the
wing spars [8].

The FAA requirements with respect to damage tolerance state that cracks present in the structure
should not grow beyond a critical length that leads to catastrophic failure between inspection
intervals. This imposes crack initiation limitations on the structure. To make sure these require-
ments are met, a fatigue design stress is used for fatigue sensitive areas of the fuselage. This
design stress may not be exceeded.

In circumferential direction the fatigue sensitive loading is the hoop stress. The hoop stress is the
result of the inflation of the fuselage to maintain an artificial pressure level inside the fuselage.
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Mode of Failure Design Criteria Allowable Data

Static strength Undamaged structure must sustain ul-
timate loads Static properties

Deformation
Deformation of undamaged structure
at limit loads may not interfere with
safe operation

Static properties and
creep properties

Fatigue crack initiation

• Damage tolerant structure must
meet service life requirements

• Safe life components must remain
crack free in service

Fatigue properties

Residual static strength Damaged structure must support limit
loads without catastrophic failure

• Static properties
• Fracture toughness

properties

Crack growth life
For damage tolerant structure inspec-
tion techniques and frequency must be
specified

• Crack growth
• Fracture toughness

properties

Table 7.1: Design criteria for sizing aircraft structures

The hoop stress is cyclic and occurs once a flight. The hoop stress should not exceed the fatigue
stress, which sets a lower boundary for the skin thickness:

tmin =
∆pR

σfatigue
(7.1)

In longitudinal direction only the fuselage top panels are sensitive to fatigue as they are relatively
heavily loaded in tension due to the downward bending moment and the fuselage internal pres-
sure together. The fatigue loads in longitudinal direction are not that easy to predict as there is
no straight forward standard load pattern that is repeated every flight. The method used here is
to find a load factor that is typically encountered every flight.

The load factor has been determined in the following way. The NLR have done research on a
standardized load sequence on transport aircraft wing structures [15]. They conclude that all
calculated load spectra for different aircraft are in a relatively small band and hence the establish-
ment of a standardized spectrum is justified. From this load spectrum it is deduced that the load
encountered once every flight is 50% higher than the average 1G flight load. This is translated to
a load factor of 1.5 experienced once a flight on the fuselage. The 2.5G flight load case will include
this effect, since the load factor is larger than the needed load factor of 1.5.

7.3 Two-bay-crack criterion

The damage tolerance criteria as specified in the FAR 25 considered longitudinal cracks in the
skin between two frames. Since tension hoop stresses in fuselage skins due to internal pressure
are highest midway between frames fatigue cracking is likely to occur mid bay. Items like cracks
stoppers arrest the cracks and confine them between two frames.

Swift [16] argues that this crack initiation scenario is not the most critical, but the high bearing
stresses at the first fastener adjacent to the shear clip cut-out combined with skin stresses due to
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internal pressure and the frame bending stress create another critical location in the fuselage skin.
This location occurs more than 15,000 times in a typical wide body aircraft, making this location
very important. Skin cracking at that location will automatically propagate into two bays, see
figure 7.1 for illustration.

The two-bay-crack criterion states that a crack through a frame (and thus crack in two bays)
should not result in catastrophic failure. Airbus has designed its latest aircraft A380 and A350
using this criterion. It is expected in the future to appear in FAR 25. Designing for two-bay-crack

Figure 7.1: Two-bay longitudinal crack initiation

means placing an extra requirement on the skin thickness. Like designing for fatigue this is done
through defining a design stress that is not to be exceeded. The skin thickness should be such
that this value is not exceeded for 1.15 times the normal operation pressure [3]. The value for this
stress σcrack is calculated using the crack growth predictions method.

tmin =
1.15∆pR

σcrack
(7.2)

7.4 Mode of Failure

7.4.1 Fatigue crack initiation

The design fatigue stress σfatigue is calculated using the available SN-curves for specific materials.
For aluminum 2024-T4 the SN- curve for K = 2.5 is taken from Handbuck Struktur Berechnung
6311-01 D86 [17]. The SN-curve is described by the following function:

σa = C1 +
C2 − C1

exp
(

logN
C3

)C4
and logN = C3

[
ln
C2 − C1

σa − C1

] 1
C4

(7.3)

Where σa is the stress amplitude, N is the number of cycles and C are constants related to the
specific material.

The fuselage is fully pressurized during flight and on the ground there are no pressure loads.
Therefore the minimum stress is equal to the zero σmin = 0 and the maximum stress is equal to
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Figure 7.2: SN-curve of Aluminum 2024-T4 for K = 2.5

the hoop stress or in limit case equal to the design fatigue stress σmax = σfatigue. Further the
following relations are known:

σa =
σmax − σmin

2
(7.4)

R =
σmin
σmax

(7.5)

Since R = 0 in the situation of a fuselage, the maximum stress is two times the stress amplitude,
which also equals the design fatigue stress σfatigue = σmax = 2σa. For the corresponding R = 0,
the constants for SN-curve are C1 = 53 N/mm2, C2 = 235 N/mm2, C3 = 4.32, C4 = 3.66, which
will be used in equation 7.3.

An inspection threshold time Nth is linked to the design fatigue stress. The number of cycles N
for the current hoop stress level on the panel is found by calculating σa and reading out N from
figure 7.2 or calculating it from equation 7.3. Once N is found the safety margin for the current
number of cycles is determined, which should be equal or lower than Nth in order to meet the
requirement.

MS =
Nth
N
≤ 1 (7.6)

The inspection threshold is the number of cycles when the aircraft should be inspected for cracks.
For metals the inspection threshold is set to the half-life of an aircraft, because of the possibility
for plastic deformation of the material. For composite the inspection threshold is set to the life of
an aircraft, because composites materials are not capable to deform plastically, thus an initiated
crack will be critical at the first. The used method is valid for loaded panels. Using the criteria for
complete aircraft a safety factor should be used above the critical inspection threshold in order to
guarantee the safety of the aircraft during flight, since the fatigue behavior of an aircraft is still not
predictable. The maximum life time of an Airbus A320 is approximately 65,000 hours. Assuming
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an average flight of 1.5 hours means 40,000 cycles in lifetime. The critical inspection threshold it
set to Nth = 4 · 20, 000, which is the half-life on an aircraft with a safety factor of 4 in order to
validate it for the whole structure. This analysis can be done for other materials if the SN-curve is
known, unfortunately no SN-curve for composite is found to do the same analysis for composite
structure.

7.4.2 Crack growth

The crack growth rate is described by the Paris-Erdogan Law [18]. The inspection interval is
defined as the number of load cycles needed for fracture is given by the following equation:

N =
1

C∆Sm

∫ af

a0

∂a

(β
√
πa)m

(7.7)

Where a is the crack length, ∆S is the stress on the panel, this is taken as 1.15 times the circum-
ferential stress, β depends on the geometry and should probably change for a full scale model,
however it is assumed that β = 1. The starting crack length is set to a0 = 1 mm and the critical
crack length is set to af = 75 mm. m and C are material constant, called the Paris’s exponent and
Paris’s coefficient, respectively, for aluminum 2024 is taken m = 3 and C = 2.5389 · 10−11.

Further an inspection interval is defined, for the Airbus A320 the inspection interval is approxi-
mately 10,000 hours. Assuming an average flight of 1.5 hours means 7,000 cycles till inspection.
Therefore the critical inspection interval is set to Nii = 4 · 7, 000, where 4 is the safety factor used,
since the effect of crack growth is only for stiffened panels and not for complete structures. The
safety margin is given by:

MS =
Nii
N
≤ 1 (7.8)

7.4.3 Fracture toughness

Fracture toughness is a property which describes the ability of a material containing a crack to
resist fracture, and is an important property of a material for design. It is denoted as KIc and the
crack length ac depends on fracture toughness [19].

KIc = βσc
√
πac → ac =

1

π

(
KIc

βσc

)2

(7.9)

Where σc is the critical stress and β is the geometry constant. Further it is assumed that σc =
1/2 · σhoop and β = 1. The fracture toughness property of aluminium 2024 is KIc = 40 MPa

√
m.

The critical crack length is set to accrit = 600 mm, which is equal to the length of two-bays divided
by a safety factor of 1.15 in order to meet to the two-bay-crack criteria. The safety margin is
calculated by:

MS =
ac
accrit

≤ 1 (7.10)

7.4.4 Static strength and deformation

In order to comply with the static strength the structure must sustain ultimate loads and no de-
formation of structure should happen at limit loads. Therefore the limit loads should be lower
than the yield strength of material, and the ultimate loads, which are 1.5 times the limit loads,
should be lower than the ultimate strength. For aluminum this criteria is included in the upcom-
ing buckling analysis, however for composite it is not. The margins for static strength are given
by:

MSyld =
σx

R0.2tens

MSyld =
σx

R0.2comp

(7.11)
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MSyld =
σy

R0.2tens

MSyld =
τxy

R0.2shear

(7.12)

MSult = 1.5
σx

Rmtens
MSult = 1.5

σx
Rmcomp

(7.13)

7.5 Composite analysis

The buckling and strength for composite are checked for each panel, from ply level (material
failure) to the skin and stiffener buckling, and further to the global buckling of a panel. Further
the buckling due to the torsion load is also evaluated.

7.5.1 Stiffness matrix

A composite material consists of several layers and is in this study assumed to be quasi-isotropic.
Therefore the stiffness can change depending on the direction. In order to do a composite analysis
it is required to setup a stiffness matrix for the composite panel. It is assumed that the E-modulus
and the Poisson’s ratio is the same in all directions. The stiffness matrix is valid for the compos-
ite panel and it includes the thickness t and width of the panel b [20], which is needed for the
composite analysis.

D =


D(1, 1) D(1, 2) · · · 0
D(2, 1) D(2, 2) · · · 0

...
...

. . .
...

0 0 · · · D(6, 6)

 (7.14)

With,

D(1, 1) = D(2, 2) =
E

12(1− ν2)
bt3 (7.15)

D(1, 2) = D(2, 1) =
Eν

12(1− ν2)
bt3 (7.16)

D(6, 6) =
E(1− ν)

24(1− ν2)
bt3 (7.17)

7.5.2 Material failure

Material failure is evaluated with the Tsai-Hill criterion. The Tsai-Hill criterion considers the
interaction between different stress components. The Tsai-Hill criterion is used to predict how
a long fiber composite (ply) will fail under a combined set of (in - plane) stresses. Unlike the
simple maximum stress criterion, it accounts for mixed mode failure, in which operation of the
mechanism (e.g. transverse failure) is assisted by stresses tending primarily to cause another type
(e.g. shear stresses) [21] [22]. The criterion can be expressed:

TH =
σ2
x

X2
− σxσy

XY
+
σ2
y

Y 2
+
τ2
xy

S2
(7.18)

Where σ, τ , X , Y , and S are applied normal stress, applied normal shear stress, material maxi-
mum normal stress in x direction, material maximum normal stress in y direction, and material
maximum shear stress, respectively.

There is no distinction made between tensile and compression strengths. Further the Tsai-Hill
failure criterion cannot predict different failure modes including fiber failure, matrix failure, and
fiber-matrix interface failure.
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7.5.3 Skin buckling

The stability of the skin or panel facing is mainly activated for a foam-filled stiffened panel op-
timization problem and evaluated by assuming that the long edges of length LS of a long plate
(skin) are built-in, where the compressive loads should not exceed the critical buckling loadsNxcr
[23]:

Nxcr =
π2

w2
[4.53

√
D(1,1)D(2,2) + 2.62(D(1,2) + 2D(6,6))] (7.19)

Where D is the stiffness matrix of the laminate of the skin only, and w is the stiffener spacing. The
safety margin is given by:

MSxcr =
F

Nxcr
≤ 1 (7.20)

7.5.4 Foam-filled stiffener/Panel face wrinkling

The face wrinkling of foam filled panel or stiffener is a local phenomenon. For an isotropic core
material with an isotropic facing, the critical load against wrinkling is defined as [23]:

Ncr = 1.5
3

√
2D(1,1)a2

π2
where a =

2πEc
(3− vc)(1 + vc)

(7.21)

Where D, Ec, and vc are the stiffness matrix of the facing, Young modulus and Poisson’s ratio of
the core material, respectively. The safety margin is given by:

MScr =
F

Ncr
≤ 1 (7.22)

7.5.5 Panel (global) buckling

Critical buckling load for a four sided simply supported panel in compression is expressed as
[23]:

Nxcr =
π2

L2
s

[D(1,1)
L2
s

w2
+D(2,2)

w2

L2
s

+ 2(D(1,1) + 2D(6,6))] (7.23)

Where w is the total width of the panel. The safety margin is given by:

MSxcr =
F

Nxcr
≤ 1 (7.24)

The buckling load due to shear loads is expresses as [23]:

Nxycr =
4

L2
s

4

√
D(1,1)D

3
(2,2)(15.07 + 7.08K) when K ≤ 1 (7.25)

Nxycr =
4

L2
s

4

√
D(2,2)(D(1,2) + 2D(6,6))

(
18.59 +

3.56

K

)
when K > 1 (7.26)

Where,

K =
2D(6,6) +D(1,2)√

D(1,1)D(2,2)

(7.27)

The safety margin is given by:

MSxycr =
F

Nxycr
≤ 1 (7.28)
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7.5.6 Torsion buckling

The value of torsion load at which buckling can occur is expressed as [24]:

Tcr = 4πR2t1τcr[0.8KsEf
h+ t1 − t2

R
] (7.29)

Where Ef is the Young modulus of the facing. The buckling coefficient Ks is a function of section
length Ls and analytical expressed in Sullins (Eq. 98) [25]. The safety margin is given by:

MScr =
T

Tcr
≤ 1 (7.30)

7.6 Metal analysis

The methodology for static analysis of a stiffened panel, combining local buckling of both skin
and stiffener elements and global buckling of the panel as a whole (post-buckled design) is dis-
cussed in this section for metals. Loading may consist of shear loading or compressive loading
separately or both loads combined. These standard engineering equations were bundled in [26].

7.6.1 Compression of stiffened panel

7.6.1.1 Column buckling

Elastic and inelastic column buckling, called Euler buckling is given by:

Fc =
cπ2E

(L/ρ)2
(7.31)

Fc =
cπ2Et
(L/ρ)2

(7.32)

Where c is the end fixity coefficient (boundary condition) and ρ =
√
I/A the radius of inertia.

Let L′ is the effective length of the column which equals the length between inflection points of
the deflected column under load. Then L′ = L/

√
c, with c = 1 for pinned end, zero and restraint

against rotation or c = 4 for clamped ends, full restraint against rotation.

7.6.1.2 Buckling strength of flat sheet in compression, shear, bending and under combined
stress systems

Elastic buckling strength of flat sheet in compression is given by:

σcr =
π2kcE

12(1− v2
e

(
t

b

)2

(7.33)

Where kc is the buckling coefficient which depends on edge boundary conditions and sheet aspect
ratio (a/b). In generally for simply supported panels the kc is equal to 4.

7.6.1.3 Inelastic buckling strength of flat sheet in compression

Plasticity correction is required when:

σcr > 0.5σ0.2 (7.34)

The inelastic buckling strength is then reduced to:

σcr =
ηπ2kcE

12(1− v2
e)

(
t

b

)2

(7.35)
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Or:

σcr = ησcre (7.36)

Where the plasticity reduction factor, η, depends on the problem type is given in table 7.2. The
plasticity reduction factor should be determined iteratively.

Loading Boundary condition Equation
Compression
and bending

Flange with one un-
loaded hinged edge η1 =

(
1−v2
1−v2

)
Es
E

Flange with one un-
loaded fixed edge η2 = η1

(
0.33 + 0.335

√
1 + 3EtEs

)
Plate with unloaded
hinged edges η3 = η1

(
0.5 + 0.25

√
1 + 3EtEs

)
Plate with unloaded
fixed edges η4 = η1

(
0.352 + 0.324

√
1 + 3EtEs

)
Compression Column η5 = Et/E

Shear All conditions η6 = Gs/G

Table 7.2: Plasticity reduction factor depending on problem type

7.6.1.4 Material description by Ramberg and Osgood

The Ramberg and Osgood model is used for the stress strain relation:

ε =
σ

E
+ 0.002

(
σ

σ0.2

)n
(7.37)

Es =
σ

ε
(7.38)

1

Et
=

n

Es
+

1− n
E

(7.39)

v =
Es
E
ve +

(
1− Es

E

)
vp (7.40)

The Poisson’s ratio is an interpolation of the ideal elastic Poisson’s ratio ve and the fully plastic
Poisson’s ratio, which is vp = 0.5 for incompressible media. The stress level must be solved
iteratively for strain.

7.6.1.5 Buckling breakdown

Skin buckling or pocket folding

• Skin side flange not considered for local buckling (connected to skin by rivets etc.)

• Web buckling

• Cap buckling

• Cap flange buckling (if not just flanged edge)

Inter rivet buckling

• Skin inter rivet buckling

• Stiffener inter rivet buckling
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7.6.1.6 Local buckling

Skin

The boundary condition for the skin is that it is simply supported by both frames and stiffeners
and the limits are defined by the aspect ratio of frame pitch to stiffener pitch a/b > 1. The value
for kc is 4 and η4 is used for plasticity reduced factor.

Web and cap (flanged)

The boundary condition for web and cap is that it is simply supported by skin side slide flange
and inner flange. The value for kc is 4 and η4 is used for plasticity reduced factor.

Blade stiffener and cap (not-flanged)

The boundary condition for the blade stiffened and cap is that it is simply supported by the flange
and the other side is free. The value for kc is 0.43 and η1 is used for plasticity reduced factor.

Local buckling coefficient Boundary condition Plasticity correction factor
kc = 0.43 F-SS η1

kc = 0.80 F-C η2

kc = 4.0 SS-SS η3

kc = 5.x SS-C
kc = 6.98 C-C η4

Table 7.3: Local buckling coefficients, boundary condition and plasticity correction factors (F =
free, C = clamped, SS = simply supports)

7.6.1.7 Inter-rivet buckling

The column buckling equivalent is given by equation 7.41 with L = p = RivetPitch, ρ =
√

I
A =√

1/12wt3

wt .

σir =
cπ2Et(
L
ρ

)2 = cπ2Et
12

(
t

p

)2

= cπ2η5
E

12

(
t

p

)2

(7.41)

For the plasticity correction of column buckling η5 is used. Several riveting possibilities are given,
which are listed in table 7.4 together with its end fixity coefficient c, (Kir = 1/c0.5). The commonly
used rivet type is countersunk.

Bruhn C7.14 ESDU 020108 Rothwell TH 02.01.28
Flathead rivet 4 4 3.29

Spotweld 3.5 3.5 2.88
Brazier rivet 3.0 3.0

Countersunk rivet 1.0 1.5 1.23
Snap head rivet 3.0

Round head rivet 2.46

Table 7.4: Rivets types with corresponding end fixity coefficient c
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7.6.1.8 Stiffener crippling

The stiffener crippling is given by:

σcs =

∑
Aiσcr∑
Ai

(7.42)

Where Ai is the area of the section item i and σcr is the buckling stress of item i.

7.6.1.9 Lateral instability stress

Lateral instability is general buckling of the entire stiffener under a compression load, which
buckles the inner flange in its plane. The web provides an elastic support (spring support) over
its entire length (length from frame to frame). This is represented by column buckling, where the
column is the inner flange of the stiffener.

Elastic support of the flange by the web is defined by cantilever beam bending, where the web is
encastered at the skin and bends along its height. The deflection of the web at the flange becomes:

δ =
PL3

3EI
(7.43)

Where P = q ·w, L = h, I = 1
12 ·w · t

3 and q is the distributed load from the flange, w is the width
and h is the web height. The stiffness per unit width is then:

dq

dw
=

3E 1
12 t

3

h3
=
E

4

(
t

h

)3

= β (7.44)

Column buckling is then defined by:

Fc =
cπ2Et(
L
ρ

)2 =
π2Etl

AL2
c (7.45)

Where, the inner flange inertia in its plane is:

I =
1

12
th3 (7.46)

The length is the distance between the frames and the coefficient c is dependent on the wave-
length, elastic web support and flange stiffness and inertia:

c = m2 +
βL4

m2π4EI
(7.47)

The number of half wave lengths m can be found from minimization:

dFc
dm

= 0 (7.48)

Then,

m0 =
L

π
4

√
β

EI
(7.49)

The buckling stress can be found by substituting both bounding integers. A plasticity correc-
tion must be made by the correction factor η5 for column buckling. Further there is no lateral
instability for blade stiffeners and closed stiffeners, e.g. head stiffeners.
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7.6.1.10 Allowable stress at zero slenderness

The slenderness ratio is given by L′/ρ, where L′ is the effective column length. According to Bruhn
C7.25 [27], Fcs is the column crippling load, assumed to occur at L′/ρ = 0. Skin zero slenderness
stress equals the skin yield stress, stiffener zero slenderness stress is the minimum of the yield,
the crippling and the lateral stability stress:

σL0skin = σ0.2 (7.50)

σL0stiffener = min (σ0.2;σcrip;σlateral) (7.51)

These stresses give the strains by means of the Ramberg Osgood equation, for both stiffener and
skin. Finally the minimum stain (εL0) is taken from both skin and stiffener, which gives the
section minimum strain and thus stiffener and skin stress (σL0). The minimum stiffener stress
at zero slenderness includes the lateral instability stress, which is controversial as this stress is a
global buckling stress, where L′/ρ is not zero!

7.6.1.11 Load carrying width

Von Karman supposed that only the effective parts of the plate are able to carry the load after
buckling. The middle of the plate simply carries no load after buckling. This gives the effective
width:

be = b

√
σcr
σmax

(7.52)

The simple equation represents the behavior in real structures surprisingly well and gives in
nearly all cases conservative estimates.
Bruhn (C7.11) [27] uses the von Karman method as well and states that the sheet effective width
is the theoretical width of the sheet that carries the same stress as the stiffener when the skin is
buckled. For standard size stiffeners the von Karman relation is reduces to:

be = 1.90t

√
E

σmax
(7.53)

With local skin coefficient kc = 4.0. In case of light stiffeners the factor 1.90 becomes 1.70, which
follows from kc = 3.20. When fixed or clamped edge condition between stiffener and skin then
the factor becomes 2.52, which follows from kc = 6.98, in general this is only the case for closed
section stiffeners.

For two skins side flanges with each one rivet row, two times the effective width is used for cal-
culations, see figure 7.3. When the skin side flange has two rivet rows only one effective width is
used for calculations, as the overlap is too big to take two effective widths into account. However
the crippling stress of the stiffener is calculated based on a skin side flange with a thickness of 3/4
the sum of the flange thickness plus the sheet thickness.

For integral stiffeners two cases exist:

1. tsk < tfi < 2tsk (relative thin skin side flange) and

2. tfi > 2tsk (thick skin side flange).

For the local skin buckling stress t = (tsk + tfi)/2 and the effective stiffener area is the area of the
stiffener upper section plus the area of the sheet of width be, which has both thickness tfi and tsk.

The effective width is calculated as standard, where crippling stress is calculated for the stiffener
section including the integral skin part. Half the effective width is situated on both sides of the
integral section. The effective width for varying stiffeners is given in figure 7.3.
Rothwell [3] gives as generalized rule: load carrying width is approximately one half of the stiff-
ener pitch. ESDU data sheet 02.01.24 [28] shows the stiffness ratio after buckling to be approxi-
mately one half for a simply supported flat rectangular plate, where the wave length is equal to
the plate width.
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Figure 7.3: Effective width for varying stiffeners

7.6.1.12 Average stress in the super-stiffener at zero slenderness

From the load carrying width an average stress in the super-stiffener can be determined, or the
load capacity for zero slenderness.

σL0 =
Sstiffener

S
σL0stiffener +

Sskine
S

σL0skin (7.54)

Where Sskine is the effective skin cross-section area and Sstiffener the string cross-section area.

7.6.1.13 Super stiffener

Super stiffener can be visualized as one stiffener section with two half skin pockets. The super
stiffener fails by either one of the following modes:

• local buckling of skin

• local buckling of stiffener

• column buckling
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7.6.1.14 Engesser modified law

For the column stiffness and column load use is made of modified material properties called
Engesser modified law: Replace σ0.2 by σL0 in the Ramberg Osgood relation for both skin and
stiffener, only when superstiffener is evaluated. Then the equivalent homogeneous material se-
cant modulus and tangent modulus of the column are:

Es =

(
Ssk
S

)
Essk +

(
Sr
S

)
Esst (7.55)

Et =

(
Ssk
S

)
Etsk +

(
Sr
S

)
Etst (7.56)

The corresponding column load is:

P = Sskσsk + Sstσst (7.57)

7.6.1.15 Local buckling

Stiffener local buckling

Local buckling of stiffener (cap/web/flange buckling and inter-rivet buckling of flange) gives
a maximum strain, which determines the skin stress, which gives a load carrying width and
subsequently a load-carrying capacity.

Skin local buckling

Local buckling of skin (inter rivet buckling) gives a maximum strain, which gives the load carry-
ing width and determines the stiffener stress, which gives the load-carrying capacity. Each time
the load carrying width has to be determined as it is a function of the stress in the load carrying
part of the skin.

Calculation procedure

The calculation procedure is given as follows:

• Determine uniform strain in column

- local buckling of stiffener

- local buckling of skin

- any given/picked strain

• Stress in skin

• Stress in stiffener

• Effective width

• Load carrying capacity by: P = Sskσsk + Sst + σst

7.6.1.16 Column buckling of super stiffener

The column buckling load is defined by Euler:

σcrit =
π2Et
λ2

(7.58)

Pcrit =
π2EtI

L2
(7.59)
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Where the inertia of the super stiffener column I depends on the load carrying width (dependent
on stress ratio) and the Secant modulus from the Engesser Modified Law. The buckling column
buckling length L is equal to:

L = K · Lp (7.60)

Where K is the Main end fixity coefficient and Lp is the frame pitch. For very stiff frames the
frames act as rigid nodes for the column and thusK = 0.5. For flexible frames the frames prevent
out of plane movement, but don’t restrict rotation thus K = 1.0.

The load carrying capacity of the column is reached when the applied load P (ε) converges to the
critical load Pcrit, see figure 7.4.

Figure 7.4: Applied load P (ε) and Euler buckling load Pcrit

7.6.1.17 Load carrying capacity

The reserve factor is:

RF =
Padm
Papplied

(7.61)

MS =
Padm
Papplied

− 1 (7.62)

Where Padm is the minimum value of the load at which local skin buckling occurs, the load at
which local stiffeners buckling occurs or the load at which column buckling occurs.
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The load at which pocket folding occurs (smallest local buckling of either skin pocket) is the
pocket folding load. The percentage of pocket folding at limit load is as follows:

PFLL = 1.5
Ppocket
Papplied

100% (7.63)

The applied load is the Ultimate load (UL), and the Limit load (LL) is by definition UL/1.5, where
1.5 is the safety factor j. For the Airbus A380 program the pocket folding load must exceed 80%
of the Limit load. This is rather high, in general this value would be 60%. In this case MS > 60%
for t < 3.0 mm and MS > 80% for t > 3.0 mm is used.

7.6.1.18 Effect of panel curvature

Initial buckling of slightly curved plates under combined longitudinal and circumferential direct
stress with all edges simply supported (ESDU 02.01.50 [28]) will be defined. Curvature of the
plate is defined by: b2/Rt. The ratio of the buckling stresses of both the curves and flat plates is:

fx
f0

=
3(1− v2)

(π4

(
ab

Rt

)2
m2(

a2

b2 +m2
) +

b2 a
2

b2 +m2

4m2a2
(7.64)

The fuselage geometry of Airbus A320 is R = 2000 mm. The curvature is approximately 5 for the
Airbus A320. A plat panel has an infinite radius. Otherwise HSB 45400-01 [17] can be used for
curvature smaller than 100t/R = 1. This is true for the fuselage shells, which are thin walled. The
equation becomes:

σb = σbflat + 0.2E
t

R
(7.65)

7.6.2 Shear of stiffened panel

7.6.2.1 Elastic buckling strength of flat sheet in shear

General elastic buckling strength of flat sheet in compression and shear is given by (Bruhn C5.1
[27]):

σcr =
π2kcE

12(1− v2
e)

(
t

b

)2

(7.66)

Where kc is the buckling coefficient which depends on the edge boundary conditions and sheet
aspect ratio (a/b) and loading situation. For shear:

ks = 5.35 + 3.80

(
b

L

)2

(7.67)

The shear buckling load may be reduced to:

τcr = KsE

(
t

b

)2

(7.68)

Where Ks is the shear buckling coefficient according to Rothwell (with v = 0.3 and simply sup-
ported):

Ks = 4.83 + 3.61

(
b

L

)2

(7.69)

For b < L, or in words the stiffener pitch is smaller than the frame pitch. Otherwise L = b and
b = L for the described above.
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7.6.2.2 Inelastic buckling strength of flat sheet in shear

Plasticity correction is required when:

τcr
√

3 > 0.5σ0.2 (7.70)

The inelastic buckling strength is then reduced to:

τcr =
ηπ2ksE

12(1− v2)

(
t

b

)2

(7.71)

Or:

τcr = ητcre (7.72)

Where the plasticity reduction factor, η, depends on the problem type. In this case shear, thus η6

in table 7.2:

η6 =
Gs
G

(7.73)

In addition plasticity is corrected for the value of τcr
√

3, and divided by
√

3 after plasticity cor-
rection.

7.6.2.3 Diagonal tension factor

Net panel shear load isQ. The nominal shear stress is τ = Q/bt. The shear load carried in diagonal
tension is:

QDT = kDTQ = kDT τ · bt (7.74)

Where for a flat web:

kDT = tanh

(
1

2
log10

τ

τb

)
(7.75)

And according to goniometry:

tanh (x) =
sinh (x)

cosh (x)
=
ex − e−x

ex + e−x
(7.76)

The diagonal tension factor is defined for τ/τb > 1.0. If it is smaller the diagonal tension factor is
zero.
Equilibrium is found following relations:

σDT · t ·
b

2
cosα · 2 · sinα = QDT (7.77)

−σDT · t ·
b

2
cosα · 2 · cosα = PST (7.78)

−σDT · t · L sinα · sinα = PFR (7.79)

Which gives:

σDT =
kDT τ

cosα sinα
=

2kDT τ

sin 2α
(7.80)

PST = −QDT
cosα

sinα
= −kDT τ · bt

tanα
(7.81)

PFR = −QDT
b

L
tanα = −kDT τ · Lt tanα (7.82)
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The frame and stiffener loads are defined for super stiffener (index ST) and super frame (in-
dex FR). For the super-frame the thickness is the average of the 6 surrounding pockets. For the
stiffener the average is from two surrounding pockets. The loads give super frame and super
stiffener stresses and strains bases on the cross-sectional areas and Young’s modulus of elasticity
of the built-up super structure.

εFR =
PFR

SFREFR
(7.83)

Same can be done for the stiffener. The strain in the skin is a function of both the diagonal tension
in the skin (kQ) and the (residual) shear stress in the skin ((1− k)Q). The strain is determined in
the direction of the diagonal tension:

εθ =
1

E
(σθ − vσθ+90◦) (7.84)

εDT =
1

E
(σDT + σt − vσc) (7.85)

With the diagonal tension stress defined above and the tensile and compressive stress as a func-
tion of the residual shear stress (1− k)τ and angle of rotation θ. The angle θ is in direction of the
diagonal tension.

σt(θ) = (1− k)τ sin 2θ (7.86)

σc(θ) = (1− k)τ sin 2θ (7.87)

εDT =
τ

E

(
sk

sin 2θ
+ (1− k) sin 2θ + v(1− k) sin 2θ

)
(7.88)

The angle θ is found by minimum strain energy of web, flanges and stiffeners. This comes down
to:

cotα2 =
εDT − εFR + 1

24

(
b
R

)2
εDT − εST

(7.89)

This is an iterative process, which starts at α = 45◦ and cot = 1/tan.

7.6.2.4 Stress distribution over stiffener and frame

The stress varies from a maximum at the neutral line of the beam to a minimum at the ends
(gusset effect). The equation is derived from Bruhn figure C11.21 [27]. For the stiffener:

σSTmin
σST

= (1− k)

(
1.78− 0.64

b

L

)
+ k (7.90)

If this is equal to or larger than 1. For the frame:

σFRmin
σFR

= (1− k)

(
1.78− 0.64

b

L

)
+ k (7.91)

7.6.2.5 Bending moments due to shell curvature

Stringers are subject to radial loads due to the root effect, which follows from skin bays flattening.
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Bending moment in the super stiffener

Bending moment in the super stiffener half way from frames is given by:

M(L/2)DT = k
bL2

24R
τ · t tanα (7.92)

The moment compresses the skin and the stringer skin side flange. Bending moment in the super
stiffener at frames is given by:

M(L)DT = −k bL
2

24R
τ · t tanα (7.93)

For frames fastened to the skin.

M(L)DT = −k bL
2

12R
τ · t tanα (7.94)

For floating frames. The moment compresses the stringer inner flange.

Bending moment in the frame

Bending moment in the frame mid-way from stiffeners:

M(b/2)DT = −k bL
2

24R
τ · t tanα (7.95)

This moment compresses the frame inner flange.

M(b)DT = k
bL2

12R
τ · t tanα (7.96)

This moment compresses the skin.

7.6.2.6 Skin stresses

The following stresses are based on the theoretical shear stress and the bending of the super-
stiffener frames due curvature.

Compressive stress along the stiffener mid-way from frames

Skin stress for fastened stiffener mid-way from frames:

σDTsk =
Esk
EDTST

(
σDTSTmin −

MDT
L/2

IDT
(dDT + t?)

)
(7.97)

Depending on the definition of dDT , t? should be omitted.

Pocket shear stress

The pcoket shear stress is derived from Bruhn figure C11.23 and C11.24 [27].

τmax
τ

=

√
1 +

(
kDT

tan 2α

)2

(7.98)
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Pad shear stress

The pad shear stress is given by

τmax
τ

= 1.3
t

tp

√
1 +

(
kDT

1 + kDT

)2

(7.99)

The shear stress is reduced due to the thickness increase from skin thickness to pad thickness.
The factor 1.3 is likely from stiffness increase load attraction.

7.6.2.7 Stiffener and frame stresses

From super stiffener to stiffener and frame stresses. The stiffener mean stress in compression is
given by:

σst =
Est
EST

σDTST (7.100)

Midway between frames, the maximum stress in compression, is given by:

σstmin =
Est
EST

σDTSTmin (7.101)

Skin side flange half way between frames:

σDTstsk =
Est
EDTST

(
σDTSTmin −

MDT
L/2

IDT
(dDT − tp)

)
(7.102)

Skin side flange at frames:

σDTstsk =
Est
EDTST

(
σDTST −

MDT
L

IDT
(dDT − tp)

)
(7.103)

Inner flange (cap) half way between frames:

σDTsti =
Est
EDTST

(
σDTSTmin +

MDT
L/2

IDT
(hst − dDT + tp)

)
(7.104)

Inner flange (cap) at frames:

σDTsti =
Est
EDTST

(
σDTSTmin +

MDT
L

IDT
(hst − dDT + tp)

)
(7.105)

Stress in the frame:

σfrmin =
Efr
EFR

σDTFRmin (7.106)

7.6.2.8 Forced crippling

Forced crippling is based on an empirical formula, Bruhn C11.22 [27]. Included is plasticity cor-
rection and upright thickness (h′ or tu).

σ = C1 · k2/3 ·
(
tu
t

)1/3

,
tu
t
> 0.6 (7.107)

Forced crippling occurs when the maximum compression is the stiffener reaches a value from
the empirical formula. Material plasticity is taken into account. The actual crippling would take
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place in the skin side flange of the stiffener. Therefore σcrip should equal the largest value of
|σstsk| (stress in the skin side flange of the stiffener). The empirical formula for crippling stress is:

σcrip = −0.051
σ0.2st√

σ0.2st

Est
+ 0.002

k
2/3

(
h′Est
tEsk

)1/3

(7.108)

Where the upright thickness is defined by:

h′ =

√
t2st +

Esk
Est

(tp − t)2 (7.109)

If tp > 1.5t then tp = 1.5t in the calculation.

The shear stress at this point is the crippling shear stress, τcrip. The maximum crippling stress is
clipped at the material yield stress. Also the shear stress is clipped at the material yield stress.
The same can be done for forced crippling of the frame.

7.6.2.9 Column buckling

Column buckling is covered by two equations: Johnson equation and Euler equation. the John-
son equation is valid for wave lengths smaller than the limit value λ′0 and Euler for larger wave-
lengths. The diagonal tension opposes buckling of the column, which is similar to an elastic
foundation for the column. This support is expressed by the ’end fixity coefficient’:

KDT =

√
1

1 + k2
(
3− 4 bL

) (7.110)

LDT = KDTL (7.111)

Where L is replaced by L/2 as the buckling length. The column wavelength is then:

λDT = LDT

√
SST
IST

(7.112)

Now the Euler buckling strength can be calculated:

σcrit =
π2EST
λ2

(7.113)

The Johnson formula for low slenderness ratio is:

σcrit = σL0 −
λ2

4π2EST
σ2
L0 (7.114)

Where σL0 is the zero slenderness stress of the super stiffener, which is given by equation 7.54
The limit wave length between both the Johnson curve and the Euler curve can be calculated by
having equal load and equal tangent. The limit wave length is:

λ′0 = π

(
2EST
σL0

)0.5

(7.115)

When the occurring wave length is smaller the Johnson curve is used when larger the Euler curve
is valid. Now super stiffener column buckling occurs when either:

• the column buckling stress equals the mean super stiffener stress.

• or when the column buckling stress for the half column wave length equals the maximum
super stiffener stress.

The smallest value of the two gives the column buckling stress, which gives the shear stress,
τcolumn at which column buckling occurs.
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7.6.2.10 Skin material failure stress

The ultimate (allowable) shear stress is based on the tensile strength:

τall =
σult

2
(7.116)

For a curved panel the following is defined:

τall
σult

2
(0.65 + ∆) (7.117)

∆ = 0.3 tanh

(
Sfr
Lt

)
+ 0.1 tanh

(
Sst
bt

)
(7.118)

Included to the frame cross-section and the stiffener cross-section is the skin pad area (both for
longitudinal and transverse directions). For now no skin pad is defined in frame direction.

7.6.2.11 Static margins

Forces crippling in stiffener:

MScrip =
τcrip
τ
− 1 (7.119)

Forced crippling in frame:

MScrip =
τcrip
τ
− 1 (7.120)

Skin failure:

MSult =
τall
τ
− 1 (7.121)

Global buckling of super stiffener:

MScolumn =
τcolumn

τ
− 1 (7.122)

Margins should be larger than 0.

7.6.2.12 Effect of panel curvature

Buckling coefficient

ESDU 02.03.18 [28] shows the buckling stress coefficient for curved plates in shear. However no
formula is given for these curves. A first estimate of these curves is:

Ks =

(
4.83 +B

(
b

L

)2
)(

1 + C1
b√
Rt

+ C2
b2

Rt

)
(7.123)

Where B = 3.61 (ESDU) and C1 and C2 are derived from the ESDU figure 1 [28]. The constants
are estimated at C1 = 0 and C2 = 0.028.

HSB 45400-01 [17] is valid for curvature smaller than 100t/R. This is true for the fuselage shells,
which are thin walled.

τb = τbflat + 0.1E
t

R
(7.124)
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Diagonal tension factor for curved panels

Unfortunately no mathematical formula is offered for this factor. In ESDU 77018 [28], the diagonal
tension factor is a function of the ratio 103 · t/R and grows rapidly. Typically the range of 103 · t/R is
0.5 to 1.0 for fuselage shells. The increase of the diagonal tension factor is then roughly between
40 and 80%. The following relation was found from ESDU 77018 figure 1 [28]:

kDT = tanh

(
C log10

τ

τb

)
(7.125)

Where C is a linear function of t/R:

C = 0.5 + 0.60

(
t

R
1000

)
(7.126)

For t/R smaller and equal to 3.0 and τ/τb smaller and equal to 10.0.

7.6.3 Combined compression and shear of stiffened panel

The combined loading is based on the applied compressive load (P ) and applied shear stress (τ).
Two interaction curves are formulated. One for the failure load, which gives the Reserve Factor
or Margin of Safety, and one for the pocket folding load, which gives the percentage of pocket
folding at limit load.

7.6.3.1 Combine failure load

Additional input variables for the allowable compression and allowable shear stress at failure are:

Pcrit0 The critical load compressive load (either column buckling or local skin or stiffener buck-
ling).

τcrit0 The critical shear stress, which gives stiffener crippling or column buckling.

These two values constitute the intersections with both interaction axes (compressive load and
shear load). The compression and shear interaction formula is:

Pcrit
Pcrit0

+

(
τcrit
τcrit0

)1.5

= 1 (7.127)

Furthermore the condition that the ratio of the compressive load and the shear load is equal to
the applied ratio:

Pcrit
τcrit

=
P

τ
(7.128)

Combining both equations results in the critical compressive load and critical shear load.

7.6.3.2 Combined pocket folding load

Additional input variables for the pocket folding load and shear stress at pocket folding are:

Ppocket The compressive load at pocket folding

kdt0 The average diagonal tension factor for pocket shear folding. This gives the average pocket
folding shear stress, which is different from the linear average of the pocket folding shear
stresses.
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The average pocket folding shear stress is determined as follows:

τbp0 =
τapplied(

1+kdt0
1−kdt0

) 1
log10(e)

(7.129)

In case of τ/τb < 1.0 the kdt0 value is zero and then the τbp0 is taken as the linear average of τbp1
and τbp2 , which differs only a bit with using the linear average of the kdt1 and kdt2 . Otherwise it
is possible to continue to work with negative values of kdt.

The pocket folding load and the average folding shear stress constitute again the intersection with
the interaction axes. The compression and shear interaction formula for pocket folding is:

Pp
Ppocket

+

(
τb
τbp0

)2

= 1 (7.130)

Furthermore the condition that the ratio of the compressive load and the shear load is equal to
the applied ratio:

Pp
τb

=
P

τ
(7.131)

Figure 7.5: Interaction curves for combined loading

7.6.3.3 Margins

The Reserve Factor is:

RF =
Pcrit
P

=
τcrit
τ

(7.132)

and the Margin of Safety:

MS = RF − 1 (7.133)

The percentage of pocket folding at limit load is:

MSLL = 1.5
Pp
P
· 100% (7.134)
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Chapter 8

Optimization

In order to optimize the structural concept to the objective of getting the required structural di-
mensions with minimized weight, an optimization program is developed. The optimization tool
evaluated the optimum structural dimensions for the different structural and material config-
urations, according to the before mentioned design requirements and limit loads. The applied
method to find the optimum design, which is a minimum weight design, is discussed in this
chapter.

8.1 Implemented method 5-point

For metal buckling an optimization method is programmed, which consist of optimization two
panels thicknesses for the criteria mentioned in section 7.6. The calculated running loads are
valid for a combination of two half panels and a stringer. The area of the stringer is fixed and
should not be optimized. The thickness of a panel should change in order to carry the loads on
the panels. All the loads on the fuselage are calculated using an initial thickness. This thickness
is the start criteria for both panels. Step by step the thickness of two panels is changed per time
in order to meet the load requirements.

The optimization is done by going through the stringers and changing the thickness of the neigh-
boring half skin panel. The thickness of left panel t1 and thickness of right panel t2 is assumed to
be 1 mm. For these thicknesses the buckling stresses are calculated and the Reserve Factor and
Margin of Safety are found. If these thicknesses are satisfies the criteria. The model will decide in
which direction it will optimize the model, thus in this case decrease the skin thickness in order
to find the minimum required thickness. The thickness will be changed by steps of ∆t = −0.1. As
shown in figure 8.1, alongside the basic combination five other combination of panel thicknesses
are defined.

In the next step the model will look which of the five combinations satisfies the criteria. The
combination with the lowest skin area which satisfy the criteria (t1 · b1 + t2 · b2) is saved and set
as basic. Hereafter again five combinations are defined till the basic combination remains as the
only combination which satisfies the criteria and is saved as the panel thickness.

On the other hand if initial thicknesses do not satisfy the criteria. The model will choose to in-
crease the thickness of the panels. The thickness will be changed by steps of ∆t = 0.1. Again
five combinations are defined and analyzed till one combination satisfies the criteria. If one or
more combinations satisfy the criteria then the one with the smallest area is chosen and saved as
thicknesses for the panel.

Further it is possible to optimize it for several load cases simultaneously. After a thickness com-
bination is found for one load case, these thicknesses are saved as minimum thicknesses. For a
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new load case the panels are analyzed again, but this time the thickness can only increase, since
it should satisfy all the load cases. Hereafter, the final thickness is saved.

After completion, the model will look to the next stringer with two neighboring panels. The thick-
ness of the left panel of the second stringer was analyzed as the right panel of the first stringer.
Therefore the thickness of the right panel of the first stringer is set as minimum thickness for the
left panel of the second stringer. Therefore this panel can only be made thicker during the next
analysis; the right panel of the second stringer is free to change in both ways. This procedure is
repeated for each stringer and each bay.

Figure 8.1: Optimization for two panels

8.2 Implemented method 1-point

For other evaluation criteria, like crack analysis and composite buckling analysis a simpler method
is used. In these methods the panels are optimized separately. As shown in figure 8.2, alongside
the basic combination one other panel thickness is defined.

Again an initial thickness is chosen for the panel. The calculation of method is done and the safety
margin is found. If the initial thickness fails the criteria the thickness will be changed by steps of ∆
till basic thickness and the extra defined thickness satisfy the criteria, whereas the remaining basic
thickness is chosen and saved, since it has the lowest skin area. If the initial thickness satisfy the
criteria the thickness will be changed by −∆ till the basic thickness remains as the only satisfying
thickness. For crack analysis of metal an initial thickness and steps of t0 = 1 mm and ∆ = 0.1
mm is used. For composite an initial thickness and steps of t0 = 1 mm and ∆ = 0.1 mm is used.

Figure 8.2: Optimization for one panel
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Chapter 9

Model procedure

The general procedure of the model is given by figure 9.1. The model is created in Visual Basic
Application and all the calculations are done in this environment. The output files are exported
to and analyzed in Microsoft Office Excel. The model procedure can be divided in several steps
and each step has its own output which is needed for the calculations in the upcoming step. The
first step is the input, where the input parameters are entered and several options for the model
are selected. The second step is the geometry, where the geometry is defined. During the third
step, the weights and loads acting on the fuselage are calculated for various load cases. During
the fourth step, the running loads, shear flows and stress distribution on the fuselage calculated.
These loads are evaluated using design criteria in next step. The final step is the optimization
of the fuselage panel thickness for the running loads and shear flows. Each step will be briefly
explained in the upcoming sections.

Figure 9.1: General process steps of the model

9.1 Dashboard

The model is programmed in Visual Basic Application environment and a dashboard is created
in Microsoft Office Excel to run this model in an easy way. The dashboard has a simple function;
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running the model. There are several buttons created in the dashboard. The first button is to plot
the geometry of the aircraft fuselage. The results of the geometry creation i.e. the coordinates of
the frames and stringers are calculated and written to an output sheet. The second button is to
create the Force-Moment-Torsion lines, which are the loads acting on the fuselage structure. The
force, moment and torsion loads are plot in diagram for each load case. The third button is to cre-
ate and plot the running loads and shear flows distribution over the fuselage. The fourth button
is used for the calculation of the structural weight of the fuselage for an input panel thickness.
The fifth button is to evaluate the input panel thickness for the design criteria. The last and most
important button of the model is the optimization button. This button will let the model run and
search for the best possible thickness distribution of the fuselage by optimizing for the design
criteria built in this model. The dashboard is shown in figure 9.2.

Figure 9.2: Dashboard of model

9.2 Input for model

In the input file, the input parameters for the model are defined and entered; further some choices
are made before running the model. The input file consist of the aircraft parameters, like the
number of frames and stringers, the size and dimensions of the aircraft, the weights related to the
aircraft, the flight speed and range and other geometrical parameters. Further the flight param-
eters are also defined in the input file, for example the load factor and atmospheric parameters.
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The material parameters with material limits are also specified in the input file. Next to this the
elements, like stringers, paddings and rivets are specified and an option is available to select the
type of element needed for the specific model run. The complete input file is given in appendix
C.

9.3 Geometry process

After all the input parameters are loaded, the geometry creation will start. First the frames and
bays are created. The fixed frames are defined according to the fixed locations. Hereafter the
remaining frames are distributed by ratio between the fixed frame distances and placed evenly
between the fixed frames. The position of each frame is calculated, while the bays are defined,
since the space between two frames is a bay.

Next step is defining the initial shape and size of the cross-section of the fuselage. The fuselage
has a cone shape at the nose and tail section, therefore the cross-section is smaller at the frames
located in this section. Therefore the cross-section is sized by ratio, with at the nose and tail 20%
the size of the initial cross-section. The number of stringers is also calculated by ratio for this
cross-section. Otherwise there will be a large amount stringers placed on these cross-sections
with a very small stringer spacing.

Once the number of stringers and cross-sections are defined, the stringer locations and the loca-
tion of the midpoint of the skin, which is placed between the stringers, are calculated on each
cross-section. Further the initial thickness of the skin and the area of stringer is defined. Now
the geometry is defined and each frame, skin and stringer element has its initial size and X, Y, Z
position. The space between two frames is called a bay, the space between two stringers is called
a skin and the skin part along the bay length is called a panel.

Hence the neutral point and moment of inertia for each cross-section is calculated. The geometry
creation part is ready and the result is visible in plot.

Figure 9.3: Fuselage lay-out generated in Hypermesh

9.4 Load cases and forces process

Once the geometry is created, the load distribution and the forces are calculated. There are several
load cases defined. The free body diagram of the fuselage is applicable to all load cases; however
each load case has its own set of values for the forces and distributions.
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Figure 9.4: Geometry flow chart

First the initial weights and weights distributions are calculated using the aircraft parameters.
Hereafter the specific aerodynamic forces are calculated. Further if applicable the ground forces
are calculated for the load cases. The fuselage is assumed to be clamped at the wing section,
thus the resulting spar forces are calculated using horizontal and moment equilibrium. Now
all the forces and weight distributions are known, the Free Body Diagram of the fuselage and
consequently the Force-Moment-Torsion lines are created for each load case.

9.5 Running loads process

The next part is the calculation of the running loads when the forces are applied to the fuselage.
Since the moment of inertia of each cross-section and the location of the stringers are known, the
stress due to the bending moment can be calculated on selected locations on the cross-section.
The calculated stress applies for a stringer with two half plates on each side. Since this stress does
not give the specific stress in each skin and stringer. This bending stress is converted to the force
which applies on this section and is distributed all over the cross-section.

Hence the shear flow on each skin is calculated. Also the hoop stress is calculated in both longi-
tudinal and circumferential direction. For this calculation no stringers are included, since this is
the most conservative way.

Once the forces and the shear flow is known, the bending and shear stress is calculated on each
stringer and skin location. After this these bending and shear stresses, which are on a frame, are
interpolated to get an overall bending and shear stress for each panel on a bay. The result is given
as output for each load case separate. The running loads are determined using the initial panel
thicknesses and are not updated during the optimization procedure. The change of the running
loads due to the thickness variation is assumed to be small.

9.6 Evaluation methodology process

The most important part of the model is the evaluation of material with use of methodology. This
part is split into four sections and can be run separately by selecting the preferable methodology
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Figure 9.5: Load cases and forces flow chart

in the input file. The output is a margin of safety plot of the fuselage for each load case separate.

The first evaluation methodology is calculating the inspection threshold, which is a criteria de-
fined by the design fatigue stress. Further the inspection period is calculated, which is defined
according to the two-bay-crack criteria and the last is calculating the critical crack length, which is
known as the fracture toughness of the structure. These criteria are calculated for an input thick-
ness, by defining the limits for these criteria the margin of safety for each panel can be calculated
for each criteria.

The second evaluation methodology depends on the strength of the material. The actual stress on
the panel is compared with the yield and ultimate strength. This is separately done for tension,
compression and shear stress. As a result a margin of safety for each panel is given.

The last two evaluation methodology depends on the type of material used. There are different
methods used for metals and composite. The third methodology is specific for metals. In this
method an extensive metal buckling analysis is performed. The method is split in three parts,
compression of stiffened panel, shear of stiffened panel and combined compression and shear
of stiffened panel. These methods include column buckling, local buckling, inter-rivet buckling,
stiffener crippling, etc.

The fourth evaluation methodology is specific for composite materials. The material failure is
evaluated with the Tsai-Hill criterion. After this the stability of the skin panel is evaluated by
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Figure 9.6: Running loads flow chart

calculating the critical buckling loads. The next step is the calculation of the critical load against
wrinkling. Next to this the same is done for panel (global) buckling and torsion buckling. For
each panel a margin of safety is determined for the input thickness according to these criteria.

9.7 Optimization process

The goal of the optimization process is to find the minimum required thickness for fuselage struc-
ture in order to withstand the forces exerted on the fuselage. There are two optimization methods
used depending on the parameters, which are optimized. In the first optimization procedure, a
first reference thickness is given for the skin panel. For this thickness the absolute safety mar-
gin MS is calculated for several evaluation method. The most critical or most undesirable safety
margin is taken, which should lie between 0 and 1 in order to pass the criterion. If the criterion
fails the optimization will go further by increasing the thickness. If the criterion passes the opti-
mization will go further by decreasing the thickness. The most optimal thickness is found using
this way and the relevant safety margin is given as output.

The second optimization method is only applied for the extensive metal buckling analysis. In
this case two skin panels are simultaneously evaluated and each skin panel is evaluated twice,
whereas the found maximum thickness will be the minimum required thickness for the panel.

9.8 Output for model

Some of the output of the model is given in chapter 10 and consists of the sub result as well
as the final results of the model. The first output results consist of the Force-Moment-Torsion
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Figure 9.7: Evaluation methodology flow chart

lines, which are plotted for each load case. The second output is the running load and shear
flow distribution along the fuselage panels for each load case. The third (optional) output is a
safety margin plot for each evaluation method for a given thickness. The last and final output is
the required minimum thickness for the fuselage structure with the corresponding safety margin
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Figure 9.8: Optimization flow chart

plots for each evaluation method to check whether the thickness results satisfies the evaluation
methods. The output results are presented in Microsoft Office Excel.

9.9 Validation and reliability

The model is validated by comparing the results of each individual output with the data of the
reference aircraft. In this case the running loads and skin thicknesses of the Airbus A320 are com-
pared to that of the model. The model is validated using these data and it is assumable that the
used load cases are approaching the real load cases and gives a reliable set of load distributions
for applying it on the fuselage model. Further the optimized thickness proved to be valid.

The reliability of the evaluation optimization depends on various factors. The evaluation meth-
ods are mostly simplified and applicable for single panels. In order to apply this to the whole
construction, a safety factor above the loads is needed.

It is even known that for fatigue depending on the location on the fuselage a safety factor of 3 to
5 is used, since the fatigue behavior is much unexpected on several locations on the fuselage.

The metal buckling method is a more advanced method compared to the composite analysis
method, therefore the output metals i.e. aluminum will be more reliable.

The tool consists of simplified expressions compared to full analysis tool used by the aircraft
manufacturers. Each inaccuracy or an error margin will consist for each evaluated material or
construction, therefore a comparison of materials and construction are not influenced by these
inaccuracies, since this is applicable for each output. Thus the results are valid and will give reli-
able output for material evaluation and comparison.
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Chapter 10

Validation results

In this chapter, the model is validated using a reference aircraft (Airbus A320) and the output
results are given and discussed for this aircraft.

10.1 Material and configuration

Several material configurations are adopted for the model. These configurations are an aluminum
stiffened shell and a CFRP stiffened shell configuration. For the aluminum concept, Aluminum
2024 is chosen for both skin and stringer material. In case of composite concept, quasi-isotropic
composite lay-ups are adopted for skin and facings. Since fuselage structure is loaded in all di-
rections, a quasi-isotropic choice of material is justified in this stage. The material of the stiffeners
is assumed to be a quasi-isotropic carbon lay-up, in order to simply the load distribution between
skin and stiffener. The assumed material properties and allowables are given for the materials in
table 10.1, which are derived from material data available at Ces Edupack [29].

Property Aluminium
2024

Composite
Quasi-isotropic

Density ρ [kg/m3] 2800 1560
E-modulus E [MPa] 70000 50000
Shear modulus G [MPa] 18000
Poisson’s ratio ν [-] 0.3 0.318
Tensile yield strength Rp02tens [MPa] 250 180
Compressive yield strength Rp02comp [MPa] 250 140
Shear yield strength Rp02shear [MPa] 150 140
Tensile ultimate strength Rmtens [MPa] 375
Compressive ultimate strength Rmcomp [MPa] 375

Table 10.1: Material properties and allowables

10.2 Force and moment distribution

The first results of the model are the force and moment distributions of the fuselage for the as-
sumed unit load cases, which are given in table 5.1 in chapter 5.

The weight distribution is given in figure 10.1, which shows that the most weight of the aircraft
is distributed between the front bulkhead and rear bulkhead, since the entire payload is located
here. The results of the force and moment distributions are given in figure 10.2 to 10.5. As seen
in the plots the bending moment is the largest in the midsection of the fuselage for 1G, -1G, 2.5G
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abrupt ground breaking and landing. These load cases are strongly dependent on the weight
and therefore have effect on the whole fuselage structure. For the abrupt ground breaking load
case it is clearly visible that the breaking of the main landing gear lowers the bending moment in
the front section due to the upward bending which is caused by breaking and which cancels the
downward bending of the weight of the fuselage.

Further it is visible that the horizontal elevation deflection, lateral gust and side slipping flight
load cases have large effect on the mid and rear section of the fuselage. These load cases are all
in balanced in the center of gravity or the wing spar forces, therefore they have no effect on the
front section of the fuselage.

Figure 10.1: Weight distribution of fuselage
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Figure 10.2: Force distribution in y-direction for load cases

Figure 10.3: Force distribution in z-direction for load cases
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Figure 10.4: Moment distribution around y-axis for load cases

Figure 10.5: Moment distribution around z-axis for load cases
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10.3 Maximum Loads

The maximum loads per load cases are plotted and given appendix D. Using the maximum load
plots for each load cases the critical load cases or combination of load cases are find, the combined
load cases are only load cases which will happen in real life. The cabin pressurization load case
can always be combined with flight cases. The 1G load cases represent a steady flight and the
original weight of the aircraft is assumed. Additional load cases such as lateral and horizontal
gust are considered without weight. The 1G load case is added to these load cases if weight is
considered.

The maximum hoop stress caused by pressurization is given figure 10.6. The longitudinal, cir-
cumferential and critical 1.33 times circumferential stress is plotted. The hoop stress depends on
the radius of the fuselage cross-section. The hoop stress before front and after rear bulkhead is
zero, however in this situation this is not considered and the hoop stress varies depending on the
radius, which is linearly changing in the front and rear section.

The 2.5G flight load case has the largest effect on the mid-section as well as the 1G flight with
horizontal deflection downward, which has even larger effect on the rear section. This creates
tension on the top part, compression on the bottom part and shear at the side part of the fuselage.
The lateral gust is the most critical load cases from the sides, which causes tension and compres-
sion on the side parts and shear on the top and bottom parts of the fuselage. There is no load case
which creates critical load for the front section of fuselage.

Figure 10.6: Stress caused by pressurization
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10.4 Load case identification and selection

Using the maximum load plots for each load case a table is created which identifies the critical
load cases for specific sections and parts for the type of load applicable on the fuselage. In table
10.2 these load cases are given. The combinations are realistic load cases and give the most critical
load for a specific region. Using this table combination load cases are selected and listed in table
5.2. These load cases will be used for optimization of the skin panels. The unit load cases are
given in table 5.1 in chapter 5. The stress distributions for these load cases is given in appendix
E. These plots shows clearly the applied stresses on the fuselage per section.

Top Side Bottom

Front

Tension: 2.5G + Cabin Pres-
surization

Compression: -1G or Hori-
zontal Deflection Upward

Shear: Lateral Gust

Tension: Cabin Pressuriza-
tion

Compression: None
Shear: 2.5G

Tension: -1G + Cabin Pres-
surization

Compression: 2.5G
Shear: None

Mid

Tension: 2.5G + Cabin Pres-
surization or 1G + Cabin
Pressurization + Horizontal
Deflection Downward

Compression: -1G or Hori-
zontal Deflection Upward

Shear: Lateral Gust

Tension: Lateral Gust +
Cabin Pressurization

Compression: Lateral Gust
Shear: 2.5G

Tension: -1G + Cabin Pres-
surization or Horizontal
Deflection Upward

Compression: 2.5G or 1G
+ Horizontal Deflection
Downward

Shear: Lateral Gust

Rear

Tension: 1G + Cabin Pres-
surization + Horizontal De-
flection Downward

Compression: Horizontal
Deflection Upward

Shear: Lateral Gust

Tension: Lateral Gust +
Cabin Pressurization

Compression: Lateral Gust
Shear: 2.5G or 1G + Hori-

zontal Deflection Upward

Tension: -1G + Cabin Pres-
surization or Horizontal
Deflection Upward

Compression: 2.5G or 1G
+ Horizontal Deflection
Downward

Shear: Lateral Gust

Table 10.2: Critical load case identification

10.5 Validation of running loads

Before optimizing the fuselage, the validation of the tool should be done by comparing the results
of the running load plots and thickness plot with the reference data of Airbus A320 [30]. The ref-
erence data consist of stress distribution and thickness plots for the bays 27 to 63 for several load
cases. The data is only available for the side and top part of the fuselage. In order to make a good
comparison the normalized data is compared with the output of the tool, which means the stress
is multiplied by the thickness in order to find the stress flow in a single panel. The compared load
cases are pressurization, 1G flight and a combination of these two. Besides there is a maximum
limit stress plot available, which gives the maximum stress distribution on the fuselage section.

The data of the top part of fuselage is chosen to validate the running loads, since the top part
of the reference data is the most undisturbed data. The side parts are influenced by doors and
windows and there is no data available for the bottom part. The circumferential and longitudinal
stress due to cabin pressurization for both the reference and model are given in figure 10.7 and
10.8. It is clearly visible that the model data gives a good representation of reference data. There
are some variations in the circumferential stress in the reference data, which is probably caused
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Combined Load Cases (CLC) ULC
CLC8 -1G Maneuver -ULC2
CLC9 -1G Maneuver + Cabin Pressurization -ULC2 + ULC1
CLC10 2.5G Maneuver 2.5·ULC2
CLC11 2.5G Maneuver + Cabin Pressurization 2.5 · ULC2 + ULC1
CLC12 Lateral Gust + Cabin Pressurization ULC3 + ULC1
CLC13 -Lateral Gust + Cabin Pressurization -ULC3 + ULC1

CLC14 Horizontal Deflection Upward + Cabin Pres-
surization ULC4 + ULC1

CLC15 1G Maneuver + Horizontal Deflection Up-
ward ULC2 + ULC4

CLC16 1G Maneuver + Horizontal Deflection Down-
ward ULC2 - ULC4

CLC17 1G Maneuver + Cabin Pressurization + Hori-
zontal Deflection Downward ULC1 + ULC2 - ULC4

CLC18 1.33 times Cabin Pressurization (1.33 ·∆p) 1.33 · ULC1
CLC19 5G Maneuvre 5·ULC2
CLC20 5G Maneuver + Cabin Pressurization 5 · ULC2 + ULC1

Table 10.3: Combined load cases (updated)

by small differences in the cross section radius or panel curvature or caused by the large doors
which are placed at the back. The same holds for the longitudinal stress. In general the deviation
is very limited and the model output gives a reliable set of running loads for cabin pressurization.

The normalized 1G flight and combined 1G and cabin pressurization stress distribution is given
in figure 10.9 and 10.10. The result of the model for 1G flight is in the same range and gives a
good representation of the 1G flight. The only difference is slow decreasing in the rear section
of the reference data and the fast decreasing of the model results, this is caused by the weight of
the rear section. The weight estimation of appendix B gives a lower estimated weight at the rear
section. The combined load case has comparable results, since it is the sum of the load cases. The
deviation of stress is limited and therefore the model result is a reliable set of running loads.

The deviation in the stresses are plotted given in figure 10.11. It is clearly visible that the stresses
are in the range of the original stresses, the only large deviation is in the rear part with maximum
of 27 MPa, which is the sum of the deviation of the two load cases a probably caused by the error
in the weight estimation and panel curvature.

In addition the maximum limit stress data for the Airbus A320 data was available. These limits
were quite higher than the maximum defined load cases, such as the 2.5G and cabin pressuriza-
tion, see figure 10.12 These maximum limit stresses are estimated by using a safety factor above
the 1G and cabin pressurization flight. A safety factor of 5 was needed to have the stresses in the
same range. This extra load case will be used to check the maximum thicknesses, since the thick-
ness of the panel is probably defined by these maximum stresses. This load case is also added to
table 10.3
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Figure 10.7: Normalized circumferential pressure stress for reference and model

Figure 10.8: Normalized longitudinal pressure stress for reference and model

78



Figure 10.9: Normalized 1G stress for reference and model

Figure 10.10: Normalized 1G and pressure stress for reference and model
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Figure 10.11: Absolute deviation of stresses for reference and model

Figure 10.12: Maximum reference stress and assumed maximum model stress
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10.6 Optimization of skin thickness

Since the running loads are validated the optimization for the skin panels can be done. The opti-
mization of the skin panel for aluminum is done for two criteria, the metal buckling analysis and
crack analysis. The criteria for yield and ultimate stress are integrated in the buckling analysis,
so separate run is not needed.

10.6.1 Buckling analysis criteria

For the optimization it is chosen to optimize only two section of the fuselage, namely bays 14 to 29
and 43 to 58. The reason for choosing this section is due to the time needed to run the model and
of course no reference data is available for other sections to compare the results. These sections are
selected, because it is located just before and after the wing box. In the model there is no wing box
assumed, therefore between these two section result in this region will not be realistic since other
unknown load distributions dominates in this region due to the wing box. The optimization for
buckling is done for a package of load cases. In total five times the model is ran for the buckling
analysis for the load cases in package 1 to 5 and one time the model is ran for the crack analysis
for the load cases in package 6, which are given in table 10.4.

Package Load Cases
1. CLC8 and CLC9
2. CLC10 and CLC11
3. ULC3, -ULC3, CLC12 and CLC13
4. ULC4, CLC14, CLC15, CLC16 and CLC17
5. CLC19 and CLC20
6. CLC18

Table 10.4: Load case package

The optimization results are given in appendix F for each run. A thickness of 0.7 mm is set as min-
imum thickness in order to limit it for manufacturing and reparability requirement. In figure F.1
the result for package 1 is given. Here is clearly seen the top part are optimized for compression
due to the -1G flight. In figure F.2 the result for package 2 is given. Due to this load case the whole
bottom and side parts are optimized for compression and shear forces. In figure F.3 the result of
package 3 is given. In this load cases the side panels are optimized for compression, therefore this
package defines the panel thickness of the side part. In figure F.4 the result for package 4 is given.
The horizontal elevator deflection is a critical load cases and defines mostly the panel thickness
after the wing section.

However, an extra analysis is done for 5 times 1G and cabin pressurization to satisfy the max-
imum limit loads of the reference data. The result of package 5 is given in figure F.5. Finding
the maximum thickness generated by package 1 to 5 gives us the minimal required thickness for
buckling, which is given in figure F.6. The minimal required thickness is 0.9 mm, which is in
the outer sections and top part of the fuselage. The minimal thickness in this region is generally
defined by tension. The maximum required thickness is 1.5 mm at the bottom part of the mid-
section. This thickness is defined by compression force. The thickness of the side panels is also
critical for compression due to the lateral gust load case.

10.6.2 Crack analysis criteria

Now the optimization is done for the crack analysis criteria. For this criterion the circumfer-
ential stresses are used, therefore package 6 is used in this case to optimize the thickness. The
results for this load case will give the limitation thickness for fatigue, crack growth and fracture
toughness. The thickness distribution is equal all over the section, since the circumferential stress
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due to cabin pressurization is equal in these sections. The result of package 6 is given in figure F.7.

Combining the results of buckling and crack analysis shows that the crack analysis is the domi-
nant criteria in the outer sections and in the top part of the fuselage section. The buckling analysis
is the most critical on the bottom and side parts of the inner sections; however the crack analy-
sis is also dominant in this region. Assuming the buckling load case occurs much more at the
bottom and side panels, which makes buckling analysis the dominant criteria in this region. The
minimum required thickness is 1.3 mm and maximum required thickness is 1.5 mm for buckling
and crack analysis. Further the domination of the crack analysis complies with the fact that the
Airbus A320 is designed for fatigue. For the optimized thickness the stress plot is given in figure
F.9.

10.7 Thickness and stress validation

The available reference panel thickness and stress of the Airbus A320 for the corresponding bays
is given in figure 10.13 and 10.14. In this thickness plot the influence of the center wing box, win-
dows, (cargo)doors are clearly visible (yellow). The panel thickness is much larger in this area in
order to compensate for cut-outs or abnormal shapes. The thicknesses and stresses of model and
reference for the same sections are shown in figure 10.15 and 10.16. The grey parts in de model
data comply with the cut-outs in the reference aircraft, which are not considered.

Comparing the thickness of the undisturbed area the minimum thickness is 1.2 mm and the max-
imum thickness is 1.6 mm, which is in the same range of 1.3 mm and 1.5 mm as optimized thick-
ness for the model. With some change in evaluation criteria it is even possible to get the same
thicknesses. However the panels influenced by the cut-outs should be determined with other
methodology.

The stress distribution gives is also comparable results. The load case which defines the maxi-
mum stress of the reference data is not known, therefore especially in the mid-section the loads of
reference model are difficult to determine. The model stresses at the top side are higher compared
to reference data, but this is due to the lower (optimized) thickness in that section. Other load
cases are probably defines the minimum thickness in this region.

The model results proof to be valid and give a reliable estimation of panel thicknesses and stresses
for an aircraft fuselage.
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Figure 10.13: Reference thickness data for Airbus A320 in mm
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Figure 10.14: Reference maximum stress data for Airbus A320 in MPa
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Figure 10.15: Model thickness versus reference thickness data for Airbus A320 in mm
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Figure 10.16: Model maximum stress versus reference stress data for Airbus A320 in MPa
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Chapter 11

Discussion of composite

In this chapter the evaluation and optimization of composite is done and compared to the results
of aluminum in order to predict the performance of composite fuselage structure.

11.1 Results for composite

The optimization for composite is also done for the bays 14 to 29 and 43 to 58. The optimization is
done in a single run with all the considered load cases for aluminum in one package. The results
for buckling analysis is given in figure F.10 and the result for strength analysis is given in figure
F.11. The maximum required thickness per panel is selected and given in figure F.12. It is clearly
visible that for composite a larger thickness is required compared to aluminum. The possible
explanation for this is that the evaluation methods for composite do not consider stringers, it can
be assumed as smeared thickness, and therefore all the forces are carried by the skin panels. This
will give a larger thickness compared to skin-stringer combination. Further the design criteria
for composite are simpler compared to the aluminum design criteria. Therefore the results are
probable too conservative or too progressive, since many aspects of composites are still unknown.
For the optimized thickness the stress plot is given in figure F.13.

11.2 Weight comparison

The weights for composite and aluminum configuration is calculated and given in table 11.1. The
result shows that the composite structure is 18% lighter compared to aluminum. The weight of
stringers is as expected, since the density of the composite is somewhat the half of aluminum.
However for composite the methodologies does not check the stringers for buckling and for alu-
minum it does. Therefore it is possible the composite stringers will fail. It is expected the area of
the composite stringer should be increased in order to pass stringer buckling, since the skin area
is also increased compared to aluminum. Therefore the total weight saving of composite will be
lower than the now calculated 18%. The skin weight of composite is larger than aluminum due
to larger panel thicknesses.

In general composite fuselage structure will be lighter and will save operations cost due to the
weight gain. However the used methodologies should be extended with more criteria to comply
with other critical design aspects, which are now not included, for example crack analysis and
laminate criteria since composite consist of layers. Further a cost analysis is required for com-
posite and more investigation in de production techniques of composite. The production is still
labor-intensive. Besides, many in-flight behavior of composite is unknown, therefore at this stage
of composite design a large safety factor is used, which will undo the weight savings of compos-
ite. Composite materials can have the future, but more investigation is needed and many design
problems should be solved.
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Aluminium 2024 Composite Quasi-
isotropic Difference in %

Skin [kg] 521 749 +44%
Stringer [kg] 1235 688 -44%
Total [kg] 1756 1437 -18%

Table 11.1: Weight of bays 14 to 28 and 43 to 57
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Chapter 12

Conclusion

In this thesis work, a parametrical model design, analysis and evaluation tool for both metal and
composite fuselage configurations is developed in order to gain insight into the structural perfor-
mance of these material designs and obtain the required panel thickness for both aluminum and
composite fuselages.

The developed method provides a well-organized approach for the fuselage analysis, covering
the sequential steps for initial fuselage design. The results of the developed method are as ex-
pected and led to the following conclusions. The conclusions have been split up into elementary
parts of the thesis project; the fuselage geometry creation, the fuselage load analysis and the eval-
uation of materials. Lastly, the performance of the complete model with composite is discussed.

Fuselage geometry

The geometry is created with assumptions and it gives a simplified version of fuselage geometry.
The simplified geometry gives a good representation of the real fuselage, some specific regions
such as wing section and cut-outs should get special attention, the loads acting in these regions are
different, since now only undisturbed fuselage is considered. However the assumptions of no cut-
outs and wing box has relatively small impact on the tool, since a fuselage has more undisturbed
area and for material evaluation the deviation in running loads in these regions are considered
for both materials. All in all the geometry is adequate to be used as model of a fuselage.

Forces and load cases

A simplified initial configuration is used to generate a first estimation of the load distribution,
independent from applied materials and structural concepts. The dominating load cases are de-
fined and the model give a suitable set of load distribution. The load analysis method proved to
have reliable load results.

Running loads

The objective of this stage was to obtain the running loads in the fuselage structure. With the
theoretical analysis method for the load estimation, it is possible to generate reliable load esti-
mations using a limited amount of aircraft specific data. Using this analysis method, the load
distribution can be calculated for several limit load cases; flight and ground load cases and cabin
pressurization.

The running loads calculated are comparable with the available reference running loads. The
running loads give a good overview about the stresses in the fuselage skin and stringer. The
running loads for 1G flight and cabin pressurization are validated. The other load cases are also
giving results as expected.
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Evaluation of materials

A structural evaluation tool for complete fuselage structure has been created; this evaluation tool
is applied on the Airbus A320 fuselage structure. For this aircraft, the evaluation of two different
configurations is performed based on the output running loads. The implemented criteria are
straight forward and could be easily changed or complemented with additional criteria. The cri-
teria cover strength, buckling and crack analysis in this stage.

The used optimization method proofed to be reliable and suitable for structural optimization
problems. The output format is very transparent en gives a clear overview of the design drivers
in the different fuselage panels. However the method is very time consuming, since it recalculates
the methods many times in order to find the optimal thickness.

The thicknesses at the side and bottom panels are set by the buckling analysis. The thicknesses
at the top panels are set by the crack analysis. The crack and buckling analysis give good and
reliable results. In the first instance the panel thicknesses for buckling analyses were lower than
expected, however the used maximum limit load by Airbus is approximately 5 times larger than
the 1G load. Using this assumed load case a better result for thickness is found for an undisturbed
fuselage geometry.

Nevertheless, the resulting optimized panel thicknesses and stresses give a first estimation and
can be used for several purposes, such as comparison of structural configurations, material per-
formance and manufacturing design.

Performance of composite

The results for composite are given. The panels are thicker compared to aluminum, but in the
evaluation methods no stringers are checked. The composite structure is 18% lighter than alu-
minum. It is expected the weight saving will be lower, if the stringers were checked. The op-
timized thickness and weight are only first estimations and further investigation is needed to
enhance the design criteria for composite. The weights of the fuselage (bay 14 to 29 and bay 43-
58) are summarized in table 11.1 for each concept considered. As mentioned before, the results
for composite should be seen as a first estimation, due to the limited list of criteria.

Overall performance of model

The created model is able to perform as an analysis and design tool for aircraft fuselage. Further
development and improvements on the tool are needed to cover more materials and configura-
tions options.
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Chapter 13

Recommendation

Several recommendations are made for improvements and further analysis on the design and
analysis tool.

Geometry

• In order to improve the geometry it is possible to add windows, (cargo)doors or other cuts
in fuselage. The influence of the cuts on the running loads should be taken into account as
well as the evaluation method should be changed for this exception.

• The center wing box can be added into geometry. The effects of the center wing box should
be analyzed in order to give a better load distribution around the center wing section.

• More geometry options should be added to the model, such as options to attach engines to
the fuselage or changing the nose gear position in front of the front bulkhead and changing
the position of the aerodynamic center of tail after the tail center of gravity.

• The fuselage shape in the front and rear section is changing linearly, this can be made
parabolic in order to give better results.

Loads

• The method for estimation of the aircraft weight should be extended/changed in order to
give a better initial weight for the tail section.

• The cabin pressure before front bulkhead and after rear bulkhead should be zero, this can
be changed in the model to give better results.

• The effect of the hoop stress for non-circular shapes can be analyzed and implemented as
well as the influences of the stringers.

• More load cases generating bending moment could be incorporated into the program. Es-
pecially load cases with large effect on the front and rear section, where now the thicknesses
for buckling under the minimum required thickness.

• Apart from the evaluation of skin loads; also the frame and floor loads could be evaluated
and used for structural dimensioning.

Evaluation

• The metal buckling analysis could be extended for the tension/shear effect on buckling.
Now only compression/shear buckling effect is taken into account.

• The composite evaluation methods should be checked and extended, such as crack analysis
of composite.
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• Laminate criteria could be added to the composite methods. This allows the evaluation of
other laminate lay-ups than quasi-isotropic in order to further optimize CFRP configuration.

• The selected material is applied to the whole fuselage structure, therefore a homogenous
fuselage is created. There is a possibility to create heterogeneous fuselage with different
materials per section.

• More configurations possibilities can be added to the model, such as skin only or sandwich
configurations. Hereby the effects of the new configurations on the load distribution should
be analyzed and the optimization or evaluation methods should be extended.

• The model could be extended to evaluate other upcoming materials, like fiber metal lami-
nates.

• A method to evaluate the weight of joints, frames and cut-outs could be added in order to
improve the estimation of the fuselage shell weight.

• A raw material analysis and material cost analysis for metal could be added to the tool in
order to give an first impression about the needed amount of material and its cost.

Optimization

• A better and faster optimization method should be implemented in the model to give faster
results.

• The optimization could be done for more criteria, such as stringer spacing and stringer area.

Validation

• The running loads for other load cases should be validated. Further the loads on the front
and rear section, but also the loads on side and bottom panels should be validated.

• The shear flow should be validated for all load cases using existing data for reference air-
craft.

• The validation of the running loads of model could be done by a FEM model, in order to
proof the analytical model.

Tool

• An input file can be created for the parameters and option selections. This makes it much
easier to change aircraft specifications and load cases.

• The creation of charts can be automated by implementing the creation of chart in the tool
code, which will safe time afterwards by analyzing the results.

• The tool can be integrated into another program that analysis a full aircraft.

Other

• A composite cost study should be performed. This study must identify difference in cost
between composite fuselage and an aluminum fuselage. A break-even point, a minimum
amount of saved weight, can then be established beyond which it is cheaper to produce a
composite fuselage.
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Appendix A

Reference aircraft

Figure A.1: Airplane dimensions top view
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Figure A.2: Airplane dimensions front view

Figure A.3: Airplane dimensions side view
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Figure A.4: Structural description

Figure A.5: Fuselage sections
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Figure A.6: Frame Station 1 to 42
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Figure A.7: Frame Station 42 to 87
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Appendix B

Aircraft weight distribution

According to Torenbeek [7] the aircraft operational empty weight can be divided into weight
of the airframe structure, the propulsion group and the airframe equipment and services. The
methods that calculate these group weights will be presented here. All weights are in Newton.

B.1 Airframe structure

The airframe structural weight is subdivided into weight of the fuselage, wing, tail, landing gear
and surface controls.

B.1.1 Fuselage

The fuselage structural weight calculated here is only calculated to have an initial weight as of
course calculating fuselage weight is the objective of this study after optimization.

Wfus = 0.23gkf

(
VD

lf
bf + hf

)0.5

S1.2
G (B.1)

In this equation kf is 1.08 for pressurized fuselage. The fuselage gross weight SG is calculated
with:

SG = πbf lf

(
1− 2

lf/bf

) 2
3

(
1 +

1

(lf/bf )
2

)
(B.2)

For a double bubble fuselage and a triple bubble fuselage:

SG = πbf lf

(
0.5 + 0.135

ln
lf

) 2
3

(
1.015 +

0.3

(lf/bf )
1.5

)
(B.3)

B.1.2 Floor

The total floor weight is given by:

Wfl = 0.3074 ·
√

150 · S1.045
fl (B.4)

Where the passenger floor loading assumed to be 150 kg/m2. The weight of the floor grid and
seatrail is given by:

Wflgrid = 0.66 · b1.35
f · Sfl (B.5)

Wseatrail = 1.8 · Sfl (B.6)
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The total front and rear cargo floor weight is given by:

Wflcgf = 0.3074 ·
√

(200) · S1.045
cgf

(B.7)

Wflcgr = 0.3074 ·
√

(200) · S1.045
cgr (B.8)

Where the cargo floor loading assumed to be 200 kg/m2. The weight of the cargo floor grid is
given by:

Wflgridcg = 0.66 · (0.75 · bf )1.35 · (Scgf + Scgr ) (B.9)

B.1.3 Bulkhead
The weight of front bulkhead and rear bulkhead is given by:

Wfbh = 9.1 + 7.225 ·
(

∆p

g

)0.8

·

((
π
Dfbhd

2

)2
)1.2

(B.10)

Wrbh = 9.1 + 7.225 ·
(

∆p

g

)0.8

·

((
π
Drbhd

2

)2
)1.2

(B.11)

B.1.4 Wing
The wing weight for an aircraft with engines attached to the wing is:

Wwing = Kwing ·MZFW(
bwing
cos ∆

)0.75(1 + (1.905
cos ∆

bwing

0.5

)n0.55

 bwingSwing

troot

(
MZFW

g

)
cos ∆

0.3

(B.12)

The wing proportionality factor Kwing is 6.33 · 10−3 for two engines attached to the wing and for
four engines it is 6.00 · 10−3. The wing structure penalty is given by:

Wwingstr = 20.4 + 0.000907 · 3.75 ·MTOW (B.13)

Where 3.75 = 1.5 · 2.5 is the safety factor times the maximum load factor.

B.1.5 Tail
The tail weight is divided in the weight of the horizontal and vertical tail.

Wtail = Wv +Wh (B.14)

The horizontal tail can be calculated using:

Wh = Shfyhg (B.15)

The factor fyh is found by:

fyh = −640.4f6
xh + 2844.4f5

xh − 4120f4
xh + 2612.8f3

xh − 816.11f2
xh + 186.21fxh − 10.277 (B.16)

in which fxh is defined as:

fxh = S0.2
h

1.25 · 1000Ve√
cos ∆

(B.17)

The vertical tail weight is calculated in a very similar way:

Wv = kvSvfyhg (B.18)

The factor kv is 1 + 0.15ShhhSvbv
. The factor fyh does not change, but in the fyh-equation Sv should

be entered instead of Sh. The tail structure penalty is given by:

Wtailstr = 0.1 ·Wtail (B.19)
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B.1.6 Landing gear

The landing gear consists of a main landing gear and a nose landing gear. The nose landing gear
weight is calculated using:

Wnlg = 0.1 + 0.082 ·MTOW0.75 + 2.97 · 10−6 ·MTOW1.5 (B.20)

and the main landing gear weight is calculated using:

Wmlg = 18.1 + 0.131 ·MTOW0.75 + 0.019 ·MTOW + 2.23 · 10−5 ·MTOW1.5 (B.21)

B.1.7 Surface controls group

The surface controls group is correlated to the MTOW:

Wsc = 0.768 · 0.64 ·MTOW
2
3 · 1.2 · 1.15 (B.22)

B.2 Propulsion group

The propulsion group consist of the engines, items associated with engine installation and opera-
tion, the fuel system and thrust reversing provisions. The propulsion group weight is calculated
as follows. The total thrust is the thrust per engine times the number of engines.
The engine dry weight is then calculated using:

Weng = 0.0169 · g ·Neng · Teng (B.23)

The power plant weight can then be calculated:

Wpwr = 1.357 ·Weng (B.24)

This calculation is valid for podded jet engines equipped with thrust reversers. To arive at the
toal propulsion group weight the nacelle weight is added:

Wn = 0.065 · Ttot (B.25)

Wprop = Wn +Wpwr (B.26)

B.3 Airframe equipment and services

The airframe equipment and services group includes the APU, instruments, hydraulic, electric
and electronic systems, furnishing and equipment, air conditioning, anti-icing equipment and
other miscellaneous equipment.

B.3.1 Instruments, navigational and electronic equipment

Wieg = 0.347 ·OEW
5
9
est · Range

1
4 (B.27)

B.3.2 Hydraulic and pneumatic system

The weight of the hydraulic and pneumatic systems is dependent on the number of times the
systems is duplicated. For a duplicated control system the weight is calculated with:

Whypn = 0.011 ·OEWest + 181 (B.28)

and for a triplex system the weight is:

Whypn = 0.015 ·OEWest + 272 (B.29)
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B.3.3 Electrical system

The electrical system weight is dependent on the total electric generator power which in turn
is dependent on the fuselage volume. The fuselage volume for a cylindrical or double bubble
fuselage is calculated with:

volfus = 0.25 · π · b2f · lf
(

1− 2 · bf
lf

)
(B.30)

A tripple bubble fuselage has a volume of:

volfus = 0.25 · π · b2f · lf
(

0.5 + 0.135 · ln
lf

)
(B.31)

Using the fusleage volume the total electric generator power is:

Pel = 3.64 · volfus0.7 (B.32)

Now the weight of the electrical system can be calculated:

Wel = 16.3 · g · Pel
(

1− 0.033
√
Pel

)
(B.33)

B.3.4 Furnishing and equipment

The weight of the furnishing and equipment is related to the MZFW:

Wfur = 0.196 ·MZFW0.91 (B.34)

B.3.5 Air-conditioning system

The weight of the air-conditioning system is dependent on the total cabin length:

Wac = 14.0 · g · l1.28
c (B.35)

B.3.6 APU group

The weight of the APU group is the weight of the APU and its systems. The APU weight is
dependent on the bleed air flow and the fuselage volume:

WAPU = 0.65 · g · (0.4 · volfus)0.6 · 11.7 (B.36)

The APU group weight WAPUG is in general two time the APU weight.

B.3.7 Cabin and flight crew

The number of cabin crew members is dependent on the number of passengers. In general 1 crew
member is needed for every 35 passengers. The number of cockpit crew members is dependent
on the aircraft type and therefore an input for the program.

Wcrew = Ncabcrew · 68 · g +Nflightcrew · 93 · g (B.37)

B.3.8 Baggage and cargo containers

The weight of the baggage and cargo containers is dependent on the bulk volume. A density of
21.5 kg/m3 is used, taken from the Boeing 747.

Wbcc = 21.5 · g · volbulk (B.38)
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B.3.9 Paint

Paint is related to the MTOW:

Wpt = 0.006 ·MTOW (B.39)

B.3.10 Passenger’s comfort

The weight for items related to passenger comfort is dependent on a factor for passenger cabin
supplies (Kpcs), a factor for portable water and closets (Kpwt) and a factor for safety equipment
(Kse):

Wpc = Npax · g · (Kpcs +Kpwt +Kse) (B.40)

The factors are dependent on the aircraft range:

• Range < 1500 · 1.852 : Kpcs = 6.35, Kpwt = 0.68, Kse = 0.907

• Range < 3000 · 1.852 : Kpcs = 6.35, Kpwt = 1.36, Kse = 2.95

• Range > 3000 · 1.852 : Kpcs = 8.62, Kpwt = 2.95, Kse = 3.4

B.3.11 Residual fuel

Wresf = 0.151 ·
(
Wfuel ·

1.17

0.78

) 2
3

(B.41)

B.3.12 Miscellaneous equipment

The weight of the miscellaneous equipment Wmis is 2% of all OEW parts.

B.3.13 Airframe equipment and services

The total weight of all airframe equipment and services items is the summation of all previously
calculated items:

Weq = Wieg+Whypn+Wel+Wac+WAPUG+Wfur+Wcrew+Wbc+Wpt+Wpc+Wresf+Wmis (B.42)

B.4 Weight distribution

The weight along the complete fuselage is given by:

W1 = Wfus +Wfl +Wac +Wel +Wfur +Whypn +Wieg +Wmis (B.43)

W2 = Wflcgf (B.44)

W3 = Wflcgr (B.45)

W4 = Wfuelmid +Wwingstr (B.46)

W5 = WAPUG +Wtailstr (B.47)

W6 = 0 (B.48)

The weight distribution qx is then calculated by dividing the weight Wx by the corresponding
length lx.
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Appendix C

Model input

C.1 Parameters

C.1.1 Load factor

nsteady = 1 Load factor during steady flight [-]

nmanmax = 2.5 Maximum load factor for maneuver [-]

nmanmin = −1 Minimum load factor for maneuver [-]

ngustmax = 3 Maximum load factor for gust [-]

ngustmin = −1.5 Minimum load factor for gust [-]

nland = 2 Load factor for landing [-]

jsafety = 1.5 Safety factor above loads [-]

C.1.2 Cross-section and lay-out of fuselage

Nstr = 80 Number of stringers [-]

Nfrm = 88 Number of frames [-]

tsk0 = 1 Initial thickness for skin panels [mm]

Astr0 = 180 Initial area for stringers [mm2]

R1 = 1975 Radius 1 for cross-section [mm]

R2 = 1975 Radius 2 for cross-section [mm]

R2 = 1975 Radius 2 for cross-section [mm]

Bf1 = 3950 Fuselage width 1 for cross-section [mm]

Bf2 = 3950 Fuselage width 2 for cross-section [mm]

d1 = 0 Height 1 for cross-section [mm]

d2 = 0 Height 2 for cross-section [mm]
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C.1.3 Atmospheric data

g = 9.80665 Gravity constant [m/s2]

ρ0 = 1.225 Density at zero height [kg/m3]

p0 = 101325 Pressure at zero height [N/m2]

T0 = 288.15 Temperature at zero height [K]

a = −0.0065 Temperature gradient [K/m]

R = 287.05 Gas constant [J/kg ·K]

γ = 1.4 Specific heat [-]

T = 215.1 Temperature at cruise height [K]

zcab = 2400 Cabin pressure height [m]

zop = 11278 Operating altitude [m]

Uguste = 15.24 Equivalent gust speed [m/s]

C.1.4 Location

Lf = 37570 Fuselage length [mm]

Lc = 27500 Cabin length [mm]

Xcg = 17500 Distance to center of gravity of aircraft [mm]

Xcgh = 35100 Distance to center of gravity of horizontal tail [mm]

Xac = 15700 Distance to aerodynamic center of aircraft [mm]

Xach = 33800 Distance to aerodynamic center of horizontal tail [mm]

Xfbh = 1140 Distance to front bulkhead [mm]

Xrbh = 29300 Distance to rear bulkhead [mm]

Xnlg = 1140 Distance to nose landing gear [mm]

Xmlg = 17710 Distance to main landing gear [mm]

Xfs = 13700 Distance to front spar [mm]

Xrs = 17900 Distance to rear spar [mm]

Hcg = 1800 Height of center of gravity of aircraft [mm]

Gcgh = 6500 Height of center of gravity of tail [mm]

Rn = 500 Wheel radius nose landing gear [mm]

Rm = 500 Wheel radius main landing gear [mm]

Xeng = 13300 Location of the engine [mm]

Yeng = 5800 Location of the engine [mm]

φ = 6 Roll angle [deg]

ψ = 6 Yaw angle [deg]

δe = 8 Elevator pitch angle [deg]
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C.1.5 Coefficients

CL = 1.1 Lift coefficient [-]

CMac
= −0.025 Moment coefficient at aerodynamic center [-]

ηh = 0.85 Tail configuration coefficient [-]

kr = 0.9 Aircraft response factor for abrupt elevation maneuvres [-]

Iz = 0.3 · 1012 Moment of inertia fuselage (assumption) [mm4]

C.1.6 Weights

MTOW = 73500 Maximum take-off weight [kg]

OEW = 42100 Operating empty weight [kg]

WPAY = 15445 Payload weight [kg]

T = 115000 Thrust per engine [N]

C.1.7 Other aircraft related data

Range = 4800 Range of aircraft [km]

M = 0.82 Mach speed at cruise [-]

Npax = 179 Number of passengers [-]

Vff = 37.5 Volume bulk loading [m3]

Neng = 2 Number of engines [-]

Sfl = 108 Floor surface area [m2]

Scrgf = 12.75 Cargo floor area front [m2]

Scrgb = 25.75 Cargo floor area rear [m2]

Dfbhd = 1.76 Diameter of front bulkhead [m]

Drbhd = 2.94 Diameter of rear bulkhead [m]

tcroot = 0.135 Thickness chord ratio at wing root [-]

crootcord = 6.1 Wing root cord [m]

bwing = 34.09 Wing span [m]

λw = 28 Sweep back angle of wing [deg]

λv = 40 Sweep back angle vertical tail [deg]

λh = 32 Sweep back angle of horizontal tail [deg]

Sw = 122.4 Wing area [m2]

Sh = 31 Horizontal tail area [m2]

Sv = 21.5 Vertical tail area [m2]

Se = 1 Elevator surface area [m2]

Aw = 9.5 Wing aspect ratio [-]
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Ah = 5 Horizontal tail aspect ratio [-]

Av = 4 Vertical tail aspect ratio [-]

MACw = 3.81 Mean aerodynamic chord of wing [m]

MACv = 1 Mean aerodynamic chord of vertical tail [m]

C.1.8 Material specification

C.1.8.1 Metal

Name = ”Aluminum” Name of material

Type = ”Metal” Type of material

E = 70000 E-modulus [MPa]

ν = 0.3 Poisson’s ratio [-]

ρ = 2800 Density of material [kg/m3]

n = 16 Ramberg Osgood coefficient [-]

Rp02tens = 250 Yield strength for tension [MPa]

Rp02comp = 250 Yield strength for compression [MPa]

Rp02shear = 200 Yield strength for shear [MPa]

Rmtens = 375 Ultimate strength for tension [MPa]

Rmcomp = 375 Ultimate strength for compression [MPa]

C1 = 53 Constant 1 for S-N curve [N/mm2]

C2 = 235 Constant 2 for S-N curve [N/mm2]

C3 = 4.32 Constant 3 for S-N curve [-]

C4 = 3.86 Constant 4 for S-N curve [-]

β = 1 Geometry related constant [-]

KIc = 40 Fracture toughness value [MPA/
√

m]

m = 3 Paris’s exponent/coefficient of model influence [-]

C = 2.5389 · 10−11 Paris’s coefficient/empirical crack-growth constant [-]

C.1.8.2 Composite

Name = ”Quasi− IsotropicCFRP” Name of material

Type = ”Composite” Type of material

E = 50000 E-modulus [MPa]

G = 18000 Shear modulus [MPa]

ν = 0.318 Poisson’s ratio [-]

ρ = 1560 Density of material [kg/m3]

Rp02tens = 180 Yield strength for tension [MPa]
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Rp02comp = 180 Yield strength for compression [MPa]

Rp02shear = 140 Yield strength for shear [MPa]

Rm = 180 Ultimate strength [MPa]

Ec = 160 E-modulus of core material [MPa]

Gc = 50 Shear modulus [MPa]

ρc = 110 Density of material [kg/m3]

νc = 0.318 Poisson’s ratio of core material

C.1.9 Limits

a0 = 1 Initial crack length for fracture toughness [mm]

af = 75 Critical crack length for fracture toughness [mm]

afrac = 600 Crack length for crack growth [mm]

Ncrack = 4 · 7000 Critical inspection interval for crack growth [cycle]

Nfatigue = 4 · 20000 Critical inspection threshold for crack initiation [cycle]

C.1.10 Element properties

C.1.10.1 Stringer

See figure C.1.

Name = ”H− stringer” Name of stringer

s1 = 0 Stringer shape definition 1 [mm]

s2 = 8 Stringer shape definition 2 [mm]

s3 = 0 Stringer shape definition 3 [mm]

s4 = 3 Stringer shape definition 4 [mm]

s5 = 30 Stringer shape definition 5 [mm]

s6 = 3 Stringer shape definition 6 [mm]

s7 = 22 Stringer shape definition 7 [mm]

s8 = 3 Stringer shape definition 8 [mm]

s9 = 3 Stringer shape definition 9 [mm]

s10 = 0 Stringer shape definition 10 [mm]

Rcap = 0 Stringer shape definition radius cap [mm]

Rmid = 0 Stringer shape definition radius mid [mm]

tcap = 0 Stringer shape definition thickness cap [mm]
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Figure C.1: Stringer and frame properties

C.1.10.2 Frame

See figure C.1.

Name = ”V − stringer” Name of frame

s1 = 0 Frame shape definition 1 [mm]

s2 = 8 Frame shape definition 2 [mm]

s3 = 0 Frame shape definition 3 [mm]

s4 = 3 Frame shape definition 4 [mm]

s5 = 30 Frame shape definition 5 [mm]

s6 = 3 Frame shape definition 6 [mm]

s7 = 22 Frame shape definition 7 [mm]

s8 = 3 Frame shape definition 8 [mm]

s9 = 3 Frame shape definition 9 [mm]

s10 = 0 Frame shape definition 10 [mm]

Rcap = 0 Frame shape definition radius cap [mm]

Rmid = 0 Frame shape definition radius mid [mm]

tcap = 0 Frame shape definition thickness cap [mm]

C.1.10.3 Padding

Name = ”Integrated” Name of padding

tp = 4 Padding thickness [mm]

w = 33 Padding width [mm]

C.1.10.4 Rivet

Name = ”Rivet− Countersunk” Name of rivet

kir = 0.66 Inter-rivet buckling coefficient [-]

bpitch = 24 Rivet pitch length [mm]
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C.2 Option selection

• Skin material selection

• Stringer material selection

• Stringer type selection

• Frame type selection

• Padding type selection

• Rivet type selection
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Appendix D

Maximum loads result
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Figure D.1: Running load for 1G flight (ULC2)

Figure D.2: Shear flow for 1G flight (ULC2)
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Figure D.3: Running load for lateral gust (ULC3)

Figure D.4: Shear flow for lateral gust (ULC3)
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Figure D.5: Running load for horizontal deflection upward (ULC4)

Figure D.6: Shear flow for horizontal deflection upward (ULC4)
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Figure D.7: Running load for sideslip flight (ULC5)

Figure D.8: Shear flow for sideslip flight (ULC5)
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Figure D.9: Running load for landing (ULC6)

Figure D.10: Shear flow for landing (ULC6)
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Figure D.11: Running load for abrupt ground breaking (ULC7)

Figure D.12: Shear flow for abrupt ground breaking (ULC7)

121



Figure D.13: Running load for -1G flight (CLC8)

Figure D.14: Shear flow for -1G flight (CLC8)
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Figure D.15: Running load for 2.5G flight (CLC10)

Figure D.16: Shear flow for 2.5G flight (CLC10)
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Appendix E

Stress distribution
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Figure E.1: Normalized longitudinal stress for 1G (ULC2) in MPa

Figure E.2: Normalized longitudinal stress for 1G and ∆p (ULC2 + ULC1) in MPa
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Figure E.3: Normalized longitudinal stress for -1G (CLC8) in MPa

Figure E.4: Normalized longitudinal stress for -1G and ∆p (CLC9) in MPa
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Figure E.5: Normalized longitudinal stress for 2.5G (CLC10) in MPa

Figure E.6: Normalized longitudinal stress for 2.5G and ∆p (CLC11) in MPa
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Figure E.7: Normalized longitudinal stress for lateral gust (+) (ULC3) in MPa

Figure E.8: Normalized longitudinal stress for lateral gust (-) (ULC3) in MPa
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Figure E.9: Normalized longitudinal stress for lateral gust (+) and ∆p (CLC12) in MPa

Figure E.10: Normalized longitudinal stress for lateral gust (-) and ∆p(CLC13) in MPa
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Figure E.11: Normalized longitudinal stress for horizontal deflection upward (ULC4) in MPa

Figure E.12: Normalized longitudinal stress for horizontal deflection upward and ∆p(CLC14) in
MPa
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Figure E.13: Normalized longitudinal stress for 1G and horizontal deflection upward (CLC15) in
MPa

Figure E.14: Normalized longitudinal stress for 1G and horizontal deflection downward (CLC16)
in MPa
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Figure E.15: Normalized longitudinal stress for 1G, ∆p and horizontal deflection downward
(CLC17) in MPa

Figure E.16: Normalized longitudinal stress for 5G (CLC19) in MPa
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Figure E.17: Normalized longitudinal stress for 5G and ∆p (CLC20) in MPa
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Appendix F

Optimization result

F.1 Aluminum
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Figure F.1: Optimized thickness for package 1 in mm
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Figure F.2: Optimized thickness for package 2 in mm
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Figure F.3: Optimized thickness for package 3 in mm
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Figure F.4: Optimized thickness for package 4 in mm
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Figure F.5: Optimized thickness for package 5 in mm
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Figure F.6: Maximum optimized thickness for buckling (package 1 to 5) in mm
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Figure F.7: Optimized thickness for package 6 in mm
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Figure F.8: Maximum optimized thickness for buckling and crack analysis in mm
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Figure F.9: Maximum stress on aluminum panel in MPa
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F.2 Composite

145



Figure F.10: Optimized thickness for buckling analysis in mm
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Figure F.11: Optimized thickness for strength analysis in mm

147



Figure F.12: Maximum optimized thickness for buckling and strength analysis in mm
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Figure F.13: Maximum stress on composite panel in MPa
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