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Abstract

Research in miniaturization of satellite technology has enabled the development of a new class of
satellites - PocketQubes. The extremely small form factor greatly limits power generation capabilities,
with body-mounted arrays expected to generate around 1W average orbital power for the 3P size.
Deployable solar arrays present an ideal solution for small satellites, enabling more demanding payloads
onboard. Numerous designs for CubeSats have already been developed commercially and in academia.

This research focuses on adapting solar array designs available in literature to 3P PocketQubes, addressing
their unique size, power and deployment constraints imposed by the deployer. A 4-panel array design
in a wing configuration was designed, facilitating a peak power of 19.7 W. This was supported by a
burn-wire mechanism and a torsion spring hinge. Structural analysis was conducted using LS-DYNA
and ANSYS Mechanical to simulate deployment impact and launch vibrations, respectively. The analysis
evaluated the design’s response to dynamic launch loads and mechanical impacts during deployment.
The final assembly weight was 204.8g, contributing to a specific power of 96.2 W /kg, comparable to many
COTS deployable solutions for CubeSats. The procurement cost was found to be €1480 (excluding solar
cell assemblies), and can be greatly lowered with higher order quantities for formation flying/distributed
missions with multiple PocketQubes.

Additionally, this research examined the impact of solar array deployment configurations on power
generation and orbital lifetime. Power generation was assessed using a simplified Python model, later
verified through AGI STK simulations. Results indicated that the p angle significantly influences power
output across different configurations. Moreover, for peak § angles representing noon-midnight and
dusk-dawn orbits, seasonal variations were studied. This yielded an approximate 30% reduction during
summer solstice for dusk-dawn orbits, but no visible change for noon-midnight orbits. For velocity-
aligned PocketQubes, configurations with panels mounted on the 5 x 5 cm face at a 135° deployment
angle were found to be optimal. In contrast, for PocketQubes with pointing capabilities and high peak
power requirements, the previously designed wing configuration was recommended.

The study of orbital lifetimes was facilitated by ESA’s DRAMA software and CROC was used to identify
the minimum, average (random tumbling scenario), and maximum cross sections, contributing to a wide
range of expected orbital lifetimes. In the velocity-aligned case, configurations featuring panels attached
on the long edges (parallel to the drag force) yielded lifetimes suitable for long Earth observation missions.
The latter configurations were found to be suited for shorter, technology demonstration missions. The
launch date significantly impacted the results of the study, especially for configurations with higher
ballistic coefficients. The results from this study however are highly idealistic, as the PocketQube angle
of attack is expected to vary, largely influencing the drag area experienced. Assumptions regarding the
drag coefficient and the use of NRLMSISE-00 drag model within DRAMA also limit the accuracy of the
results, as seen when comparing the simulation and real observations from Delfi-PQ.
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Introduction

Small satellites have been at the forefront of space research and development in the past decade with
over 2800 being launched in 2023 alone [1]. This is due to the large scientific capability they can provide
at a much smaller launch cost and mass. They have become the primary source of access to space for
commercial, government, private and academic institutions. Standardized platforms for small satellites,
such as CubeSats, have significantly improved access to space. This is driven by the increased availability
of Commercial Off the Shelf (COTS) components, more frequent and economic launch opportunities
enabled by standardized deployers from companies like EXOLAUNCH and ISISPACE, and consistent
verification, testing, and validation practices.

While CubeSats have been a majority standard for small satellites being launched, increased development
in miniature structures have led to an even smaller standard being developed in the form of PocketQubes.
TU Delft is developing a formation flying mission in Low Earth Orbit (LEO) which will be demonstrated
by two PocketQubes that are manufactured in-house by the students and researchers at the institute. A
detailed mechanical overview of PocketQubes and relevant requirements are given in Chapter (2). This
switch from the CubeSat form factor to the PocketQube form factor is visualized in figure 1.1.

1U CubeSat

N 1P PocketQube

10 cm

Figure 1.1: CubeSat to PocketQube

A significant challenge for small satellites, especially PocketQubes, is power generation. Primarily,
satellites are powered by solar cells or Photo Voltaic (PV) cells and the power generated is directly
proportional to the cell area on-board. However, with compact form factors like PocketQubes, the space
for incorporating solar cells is severely limited. This limitation impacts the power supply, which in turn
constrains the communication, instrumentation and overall mission capabilities of these satellites [2].
The maximum power obtained using body mounted solar panels and advanced triple junction solar cells
(Azur Space 3G30C) on a 3P PocketQube is typically limited to around 2.5 W. Therefore, deployable
structures for small satellites have been the subject of active research and development by academic
and commercial institutions. Deployment mechanisms for solar arrays enable the stowage of larger
panels than body-mounted options, increasing the total cell area exposed to sunlight and enhancing
overall power generation. Another capability of deployable solar panels is to provide a surface that
can be used for differential drag as a means of formation flying [3]. This can be vital in picosatellites
where conventional propulsion modules are difficult to integrate due to their mass, volume and power
requirements.
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Reviewing the "NASA Space Mechanisms Handbook" [4] and many existing deployable structures on
small satellites, it is evident that they tend to have four major stages.

1. Initial Blocking (Hold Down, Constraint)
2. Motion Release

3. Deployment Guide

4. Final Blocking (Deployed position lock)

Initial blocking refers to how the panels are held down in their stowed /launch configuration. Motion
release refers to the setups that facilitates the panels’ release from their hold down position. Both the
initial blocking and motion release are facilitated by the HDRM for which both COTS and custom options
are available and provided in 2.4. Deployment guide refers to the exact mechanism that facilitates the
linear/rotational movement of the panels from their stowed position to their final deployed configuration
and these are provided in 2.5. Once in their deployed position, the solar arrays need to be constrained
and held in place. This is done with the final blocking mechanism.

PocketQubes are becoming more popular, with a growing number and frequency of launches every year
due to brokers like Alba Orbital [5]. Consequently, the need for deployable solar array designs that can
be adapted and developed by universities is growing as well. CubeSats have numerous COTS options
for deployable solar arrays provided by suppliers such as EnduroSat, ExoLaunch, NanoAvionics, and
Ecuadorian Space Agency (EXA). However, without such commercially available options for PocketQubes,
a design for deployable arrays needs to be developed that is both modular, maximizes the solar cell area
coverage, and fits numerous mission profiles.

The final deployed configuration of the deployable solar arrays also has an impact on various mission
parameters, particularly the power generation capabilities and orbital lifetimes. There are many such
options of deployed panels as seen in Chapter 2 with 3 main configurations. Every configuration fits a
certain mission profile, and finding the suitable configuration is essential in Phase 0/ A of PocketQube
development.

For these purposes, the goal of this thesis will be to initially develop a design for deployable solar arrays
that features a certain deployed configuration that is desired for future PocketQube missions within
the Delfi Space Program. Consequently, the impact of the deployed configurations on 3P PocketQube
missions will be evaluated, focusing intently on the power generation characteristics and orbital lifetime.

1.1. PocketQube Specification and Standards

PocketQubes were first proposed by Professor Bob Twiggs and a collaboration between Morehead State
University and Kentucky Space helped establish initial specifications [6]. A standard has since been
developed by a collaboration between AlbaOrbital, TU Delft, Group of Astrodynamics for the Use of
Space Systems (GAUSS) Srl [7]. Establishing a standard helps facilitate uniformity in the space community
with regards to design and development of such satellites. With uniformity come deployers that are able
to accommodate multiple missions, COTS components, qualification standards, etc. Since the standards
establishment, a number of PocketQubes have been launched and have completed successful missions in
LEO. Similarly to CubeSats, PocketQubes can be categorized as presented in table 1.1.

Table 1.1: Specifications of PocketQube Units [8]

Number of External dimensions without backplate (mm) | Sliding backplate dimension
Units (P) (mm)

1P 50 x 50 x 50 58 x 64 x 1.6

2P 50 x 50 x 114 58 x 128 x 1.6

3P 50 x 50 x 178 58 x 192 x 1.6

The overall dimensions of the PocketQubes are presented in figure 1.3 and the axes used throughout the
thesis are displayed in figure 1.2.
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Figure 1.2: PocketQube Orientation [8]
Figure 1.3: PocketQube Dimensions [8]

Within deployers like the AlbaPod, certain maximum appendage envelop limits have been provided [9].
This space is crucial in the development of deployable solar arrays as it will allow for multiple panels to
be stowed and stacked (if multiple panels are required due to higher power requirements). The Interface
Control Document (ICD) for AlbaPod gives these envelopes and requirements. AlbaPod will be the
deployer of choice for this thesis since the Delfi Program has picked them for their upcoming mission.
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Figure 1.4: AlbaPod Envelope [9]

As can be seen in Figure 1.4, with the maximum cross-section dimensions of 50mm of the PocketQube
body, there is an additional 10.5mm width to accommodate solar arrays on either side (+x) of the
PocketQube and 9.4mm width on the top. While this is the maximum separation available, the panels
cannot make contact with the Alba Pod walls and should not be held down or constrained by them. On
either side of the long edge (+z), there is an additional 7mm of spacing to accommodate additional
structures. Additionally, the backplate also limits the volume envelope available as the deployer structure
wraps around the backplate to constrain it.
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1.2. Delf1 Space Program

The Delfi program at Delft University of Technology, first established in 2004, is focused on space
technology miniaturization and offering MSc students to work with real hardware and software
development for space missions. The program aims to enable novel applications of very small satellites
by building on state-of-the-art technology. The program has already overseen the launch of 3 missions:

1. Delfi-C3: Launched in 2008, Delfi-C3 is a 3 unit CubeSat and is the first nanosatellite from the
Netherlands [11]. It demonstrated thin film solar cells, autonomous wireless sun sensors, and a
radio with a linear transponder for radio amateurs.

2. Delfi-n3Xt: Launched in 2013 and a successor to Delfi-C3 [12], Delfi-n3Xt demonstrated the
functioning and performance of a cold gas micropropulsion system, a CubeSat transceiver, and
amorphous silicon solar cells.

3. Delfi-PQ: Launched in 2022, Delfi-PQ aimed to demonstrate an even smaller PocketQube platform
in comparison to CubeSats [13]. It is further elaborated on in the following subsection.

12.1. Delfi-PQ

The Delfi-PQ (Figure 1.6), developed by Delft University
of Technology’s Faculty of Aerospace Engineering, rep-
resents the next class of miniaturized satellites. Building
on its role in defining the PocketQube standard, this
platform focuses on advancing research in system and
component miniaturization [14].

Itis a 3P PocketQube with a mass of approximately 545 g,
with the core bus occupying 1P of the total volume. The
second 1P is allocated for advanced subsystems such
as Attitude Determination & Control System (ADCS)
components, while the third 1P houses the scientific
payload.

Technology Demonstration
1. Micropropulsion payload with a dual thruster
system based on VML (Vaporizing Liquid
Micro-resistojet) and LPM (Low-Pressure Micro-
resistojet).

2. GPS payload.

3. Thermal payload by external partner demonstrat-
ing innovative thermal components.

Figure 1.6: Delfi PQ

4. Radio experiments.
5. Optical reflector.

6. Radar calibration experiment.

Deployables on Delfi-PQ

This PocketQube incorporates a deployment mechanism for the antenna with deployment switches as
shown in Figure 1.7. The deployment mechanism features an RF connector that allows the antenna to
rotate and a secondary fixture that limits the rotation and movement around one axis. The release is
facilitated by a burn wire mechanism involving a tie-down cable and resistor circuit, and the deployment
is guided by a small spring that is pre-tensioned by the tie-down cable in stowed configuration. This is
similar to a rigid hinge assembly for solar arrays that will be shown in later chapters of the literature
review. The total deployment system consists of six components that are all manufactured and assembled
in house.
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Figure 1.7: Delfi-PQ Antenna Deployment Mechanism

1.2.2. Delfi Twin

The TU Delft satellite group is also working on developing a new mission to demonstrate formation
flying with PocketQubes over a lifetime of 6 months in LEO. This mission is not the primary focus for the
design of deployable solar arrays in this thesis. However, it is important to examine it for its innovative
formation-flying technique using differential drag, which could be a promising approach to enabling
constellations of picosatellites in orbit. In this formation flying mission, the increase of drag area and the
decrease of drag area are representative of retrograde and prograde burns respectively. This is because
while increasing the drag area of the chaser satellite momentarily increases the distance between itself
and the leading satellite, it causes the chaser to increase its acceleration due to a drop in altitude. This
drop in altitude will cause the chaser to end up in an elliptical orbit where it is approaching its perigee.
Manipulation of drag areas can therefore cause both PocketQubes to pursue a number of maneuvers of
rendezvous and separation. A simple version of this can be visualized in figure 1.8.

. FirstQube . FirstQube with increased Drag Area

@  SecondQube . SecondQube with decreased Drag Area

ol®
oL

Figure 1.8: Differential Drag Maneuvering
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1.3. Research Framework and Goals

1.3.1. Research Objective and Questions

With advancements in deployable appendages for spacecraft, particularly in their application to CubeSats
and other small satellites with strict volume and mass constraints, it is equally important to explore
such solutions for PocketQubes. PocketQubes are emerging as a popular standard in academic and
research settings, with many already launched or having completed their missions. While advances
in miniaturized electronics enable the development of even smaller and more compact satellites like
PocketQubes, these satellites often remain power-intensive. As a result, deployable solar arrays are a
popular option for small satellites to enable larger surfaces with incorporation of PV cells [15]. The
overall research objective of the thesis is as following:

To design deployable solar arrays for 3P PocketQubes and assess how deployed configurations affect
the mission parameters.

This research objective can be broken down further into research questions.

How does the deployment configuration impact the power generation and orbital

lifetime of 3P PocketQubes with deployable solar arrays?

This question aims to see how the different configurations identified in the literature review impact the
mission design. Insight into this question will allow researchers to choose a preliminary configuration
for their deployable solar panels on PocketQubes. This will be done by analyzing the impact of the
configuration on two main factors:

1. Power Generation
2. Orbital Lifetime

How can proven deployable solar array designs from small satellites be adapted

to address the unique size, power, and deployment constraints of PocketQubes?
This research question aims to conduct a literature study of the design of deployable appendages on
CubeSats and other small satellites and consequently provide a design that supports deployed panels
in a wing configuration, suitable for peak power and pointing capabilities. Analysis will be done to
study the material, dimensions and layout of PCBs that can withstand vibrational loads in orbit and a
conceptual design and sizing estimates for a hinge will be provided that fit the panel assembly.

1.3.2. Thesis Outline

The thesis is structured as follows - Chapter 2 offers a literature review, an in-depth analysis of deployable
solar arrays in existing literature and heritage related to small satellites. It explores past missions and
academic studies to identify various design options for deployment mechanisms, such as HDRMs and
deployment guides, while evaluating their respective strengths and limitations. This review establishes
the basis for defining requirements, identifying constraints, and performing trade-off analyses to support
the design process. Based on the literature review, a design of deployable solar arrays is developed in
Chapter 3, that focused on a specific deployed configuration discussed at the start of the thesis. It delves
into trade-offs for types of deployment mechanisms, HDRMSs, deployment guides, and consequently
develops a conceptual design that supports these design choices. Structural analysis is also conducted to
determine dimensional parameters for the Printed Circuit Board (PCB) and hinge assembly, and a final
CAD and assembly specification is provided for the complete design. To assess the feasibility during
launch and deployment, vibrational analysis is done on the final stowed assembly, and explicit analysis is
done on the hinges to see whether they could withstand the impact at the end of deployment.

Proceeding the design, an evaluation is done to consider the impact of the deployment configurations on
3P PocketQube missions in Chapter 4. This particularly focuses on the power generation and orbital
lifetime as the surface areas provided by the deployed panels and their orientation directly impacts these
two parameters. This chapter also provides tools and steps to evaluate these parameters that can be used
by students and researchers. Proceeding this and using the knowledge gained from Chapter 2, 3 and 4,
Chapter 5 will provide a conclusion of the research and outline key recommendations for future work.



Literature Review

This chapter will investigate existing PocketQubes that have been launched, and study their deployment
mechanisms, deployed configurations, and key features. It will then explore the various types of
deployment mechanisms identified, providing a detailed description of the HDRMs and deployment
guides that constitute them using examples from previously flown small satellite missions and academic
papers. Finally, a summary of all options for deployable solar array structures will be provided.

2.1. Power Generation

Solar cells, or PV cells, have been used to generate on-board

power on satellites since the start of the space age. As of

2021, 85% of all nanosatellites are equipped solar panels and

rechargeable batteries as the primary power modules [17]. \ \
The power generated by a solar cell can be calculated using

the following equation:

Panel

P =1nAS cos(0) (2.1)
Where: Solar cell
e P =Power generated by the solar cell [W] T Angle of thesun:
L . . 1000/ 707 -> Power: 94 /0
¢ 1 = Efficiency of the solar cell [dimensionless] R 0 o> Power. 87%
e A = Area of the solar cell [m?]
e S =Solar flux (irradiance) [W /mZ] Figure 2.1: Power vs Incidence Angle [16]

0 = Angle of incidence between the solar rays and the
normal to the solar cell surface [radians]

Throughout the years, the efficiency of these cells has largely increased, with former amorphous silicon
cells generating anywhere between 10% to 13%, and current GaAs cells with performance efficiencies
ranging between 29% to 32%. This is largely due to multi-junction solar cells, made from multiple layers
of light-absorbing materials that convert different wavelength regions of the solar spectrum into energy
[17]. Solar flux is a quantity which is defined as the amount of solar energy per unit area at a certain
distance from the sun. The solar flux received in low earth orbit (normally at an altitude less than 1000km)
is approximately 1361 W /m? [18]. While it isn’t constant due to the elliptical orbit of Earth around the
Sun, the value is widely used for most analysis and mission planning purposes.

A common supplier for Gallium Arsenide (GaAs) cells in the European Union (EU) is Azur space, also
supplying cells for the Delfi Satellite program. Power generation for solar cells aboard PocketQubes
can be estimated by using a product from Azur Space’s catalogue [19]. This is a 30% Triple Junction
GaAs Solar Cells (3G30C), shown in Figure A.1. The dimensions are also provided in A.1. Considering
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BOL (Beginning Of Life) Voltage and current at max power of 2409mV and 502.9 mA respectively, peak
power generation (when the incidence angle of solar irradience is 90 degrees) from one cell is limited to
1.21 W. Generally, 1 solar cell this size can fit on the larger surface of a 1.5P PocketQube due to packing
limitations. Similarly 2 cells can be incorporated on 3P PocketQube as seen on Delfi PQ.

2.2. Existing PocketQubes and Deployment Configurations

Most PocketQubes launched prior to recent developments in miniaturized structures used body mounted
solar panels and therefore there are only a few PocketQubes that have used deployable solar arrays. As of
May 31, 2024, according to the Nanosatellite database and Wikipedia [6] [5], around 83 PocketQubes have
been developed, a number of which were launched successfully and have either completed their mission
or are still in orbit. An additional 61 are in development, accounting for a total 3.4% of nanosatellites
launched. This can be seen in Figure 2.2

Nanosatellite types

nanosats.eu

0.25U CubeSat
0.3U CubeSat

0.5U CubeSat

1U CubeSat

1.5U CubeSat

2U CubeSat

3U CubeSat

6U (1x6U) CubeSat
6U CubeSat

8U CubeSat

12U CubeSat

16U CubeSat

20U CubeSat
Other CubeSats
Other nanosats (1-10 kg)
PocketQube
TubeSat

ThinSat | 310.7% B Launched
Other picosats (0.1-1 kg) [ 360.9% I Not launched

1715411%

O o of® O P o ® o O P g oD D g g

Figure 2.2: Nanosatellite Database -Types of Small Satellites Launched [5]

The majority of development has come since 2021 with Alba Orbital, GAUSS (Group of Astrodynamics
for the Use of Space Systems), FOSSA Systems, and Libre Space Foundation being the preferred choice
of deployer/broker. The developments have stretched from commercial earth observation satellites to
university research focused on the feasibility and proof of concept for one or two subsystems. Figure 2.2
provides statistics on the percentage of nanosatellite developments that are PocketQubes.

A large number of PocketQubes have been launched with Alba Orbital’s deployer made specifically for
PocketQubes - AlbaPod. Details about the deployer dimensions and requirements have been provided in
the PocketQube specification and standards in section 1.1. In some other missions, PocketQubes have
been launched from CubeSat platforms, with notable mentions of StratoSat-TK1 that performed as a
deployer for 6 PocketQubes [20].

Recent PocketQubes have been designed with deployable solar arrays to maximize power input. Instead
of a singular body mounted face being exposed to solar radiation, these designs have the advantage
of pointing multiple panels, increasing the total surface area. A number of these missions have been
summarized in Table 2.1.



2.2. Existing PocketQubes and Deployment Configurations 9

Mission Organization Size Deplp yed . Mechanism and Peak
Configuration Power

FossaSat-1 Fossa Systems 1P Rigid Hinge Deployment
*Peak Power =355 W

FossaSat-2 Fossa Systems 2P Rigid Hinge Deployment
Peak Power =9 W

Unicorn-1 Alba Orbital 2P Tape Spring Deployment
*Peak Power =2.14 W

Unicorn-2 Alba Orbital 3P Rigid Hinge Deployment

Peak Power = 19.96 W

MDQubeSat-2 Innova Satellite | 2P Tape Spring Deployment
5 SRR *Peak Power = 3.20 W
Challenger Quub/Intuidex | 3P Rigid Hinge Deployment

*Peak Power = 12.25 W

Hello Sat Hello Sat P M Rigid Hinge Deployment

Turkiye

*Peak Power = 7.47 W

Table 2.1: Overview of Satellite Missions and Deployed Configurations [5]
Note: Values marked with an asterisk (*) are approximations, estimated by assuming 30% cell efficiency and 80% packing efficiency
(solar cell area/total surface area)

There are also a number of PocketQubes with deployable solar arrays that are currently in development
and Table 2.2 gives insights on 4 of these by Mini-Cubes LLC, Space Team Aachen, The Flame Trench,
and the Estonian Student Satellite Foundation.
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Table 2.2: Overview of Various Mini-Cube Missions

Mission Organization Size | Deployed Configuration | Mechanism

Mini-Cube 1 | Mini-Cubes LLC 1P

Rigid Hinge Deployment

AQUIS Space Team Aachen | 1P Rigid Hinge Deployment

Flexure Hinge, Spring Tape

TFTQube The Flame Trench 1P
w/ Electrical Connection

Estonian Student
SUTS 3P

Satellite Foundation

N/A

What is seen in the heritage and upcoming missions is that a large number of these employ rigid torsional
hinges in comparison to tape springs/flexure hinges, especially deployable arrays with multi-panel
configuration. None of the existing missions feature multiple panels hinged on the shorter edges, and
most feature multiple panels per array follow a ‘'wing’ configuration. Additionally, there is no bias towards
a particular PocketQube size, as deployable appendages are shown to feature on all PocketQube sizes 1P,
2P and 3P. An interesting development was that both Fossa Systems and Alba Orbital decided to go for a
wing configuration in their newer satellite buses, also featuring pointing capabilities. Another noticeable
trend was to utilize larger solar cells, at the expensive of packing area. MDQubeSat-2, FossaSat-2, Hello
Sat and Unicorn-2 all decided to go for larger solar cells, that may have not had as much packing efficiency
as visible on Challenger by Quub and this may be due to the complexity of the electrical setup pertaining
to multiple individual cells.

2.2.1. Deployed Configurations

In all of these designs, there are numerous deployed configurations of solar arrays. However, most of the
designs conform to 3 separate configurations, each suited to different mission profiles. The configurations
provided below solely represent the change in deployed shape and attachment points of the panels, not
the number of panels. The number of panels may vary for the different configurations, as will be seen
later on.
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Table 2.3: Different Deployed Configurations

Image Description

® Seen in many CubeSat and PocketQube missions includ-
ing FossaSat-1, Mini-Cube 1 and TFTQUbe. Also featured
on the upcoming Delfi-Twin Mission.

e Favors 1 deployed panel per edge on either side of the
satellite.

¢ Can feature solar cells on multiple sides, enabling power
generation at all phases in orbit.

® Usually panels are deployed at a 45°or 90°angle to the
PocketQube bus. Can have high peak power if hinge
angle is 90 and 4 faces are exposed to solar radiation.

¢ Maintains aerodynamic stability around flight vector.

e Control of drag surface by changing panels’ angle of

¢ Configuration featured in first configuration of Alba-

Orbital buses Unicorn-1 and various CubeSat designs.
® Features uniform power generation by adding an ad-

ditional surface for each face of the PocketQube and

Configuration 1 (135°& 90°) deployment, in-orbit formation flying capabilities.
@ enabling power %eneration through most phases in orbit.
* Aerodynamic stability around flight vector, center of mass
is close to geometrical center.
* Low peak power in comparison to other designs and large
shadows inflicted, restricting use of optical payload.
Configuration 2 ¢ Multiple hinge points per edge, greater structural in-
tegrity of deployed panels.

¢ Relatively new design for PocketQubes, featured on latest

AlbaOrbital bus Unicorn 2, FossaSat-2 and Challenger.
¢ Features multiple panels per wing, Z-folded or Roll-

folded prior to deployment.
¢ Highest peak power generated.

f ¢ Low aerodynamic stability due to shifted center of mass.
Could potentially be offset by batteries behind base-plate,
as provided on Unicorn-2.

® Requires Freater ADCS capability to generate peak power.
¢ Drag surface control possible enabling formation flying

without propulsion.

Configuration 3 * Multiple hinge locations on long axis, greater structural
integrity of deployed panels/wings.

¢ Extremely difficult to stack multiple layers due to limited
space within deployer.

It is essential to evaluate and compare the available configurations to identify the most suitable option for
the design of deployable solar arrays. As outlined in the configuration descriptions, the selection process
will depend on factors such as power generation capabilities, mission lifetime, aerodynamic stability, and
structural integrity.

2.3. Deployment Mechanisms Overview

Deployable mechanisms have been featured on a large number of new small satellites, primarily for
antennas, optical assemblies and solar arrays. Due to complexity, the primary focus has been avoiding
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the use of moving parts, limiting the solutions to a small number of mechanisms and structures. The risk
of failure of these deployment mechanisms on small satellites usually lead to total loss of the satellite
(insufficient power/communication failure) [21].

Deployment mechanisms for solar arrays can cover a wide range of solutions:

e Actuation/Release Mechanism
¢ Guiding Mechanism

* Damping Mechanism

¢ Control Mechanism

While these are the major solutions that contribute to a deployable solar arrays, there are smaller
peripherals that are essential to the design:

* Power distribution between panels
® Spacing/separation between panels/bus to avoid damage to cells

¢ Final blocking mechanism to lock panels post deployment

The main deployment mechanisms used for small satellites are discussed below with the components
attributing to the main solutions mentioned above:

Spring-loaded mechanisms

Spring-loaded mechanisms represent the majority of
deployment mechanisms for small satellites due to the
simplicity, lack of need of active control, and low power,
mass and volume requirements. These mechanisms
usually incorporate a COTS HDRM or a burn-wire
assembly that incorporates a thermal cutter and a tie-
down cable as the hold down and release mechanism.
Once power is supplied to the thermal cutter, it generates
heat and cuts the tie-down cable, holding the spring
loaded structures stowed prior to deployment. Once
the tie-down table is cut through, elastic energy is
released deploying the appendages and locking them
in place. The spring-loaded assembly or deployment
guide could be made of a multitude of options such as
torsion springs, tape springs, SMA hinges, etc.

Figure 2.3: Adam Thurn’s Burn Wire Mechanism [22]

Actuation/Release Thermal Cutter/ Burn Resistor, Pin Puller/ COTS HDRM
Mechanism

Guiding Mechanism  Torsion Springs, Tape Springs (rotational), Conical Springs (linear),
(displacement) Compression Springs (linear), SMA Hinges (linear/rotational)

Damping Mechanism Friction between hinge surfaces, Rotary Dampers

Hold Down Tie-Down Cable, SMA Release Nuts (DCUBED), Non-Explosive
Mechanism Actuators

Control Mechanism Usually fixed at deployed state.

Coilable Booms & Inflatable Booms

Coilable and inflatable booms, despite being quite large, are a great option to enable large deployable
systems on satellites. They provide great linear displacement and are ideal for separating sub-systems
from the main bus of the satellite.

Coilable booms are usually thin-walled booms made of high-yield stress metal like stainless steel or
carbon fiber reinforced plastic more recently. Provided a motor-driven or spring-loaded mechanism,
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these can be packed extremely densely and deploy in multiple configurations, stem or bi-stem, with the
later providing greater bending stiffness [23]. The booms have various packing configurations. They also
provide a relatively stiff structure that could even have sensors mounted, requiring minimal movement.
Coilable booms are proven on small satellites as seen on Exolerra’s Fold Out Solar Arrays (FOSA), that
are facilitated by a roll-out composite boom.

longitudinal N
crease :
AN :

transverse| . /’ =y

crease

\\\

inflation :
(a) (b)
Figure 2.4: Inflatable and Coilable Boom 1 [24] Figure 2.5: Inflatable and Coilable Boom 2

Inflatable booms on the other hands look similar but are instead made of flexible material that can be
inflated using a stored gas or sublimated (on-site) solid materials. These are usually made of fabrics
coated with Mylar, Kevlar or similar strength materials to insure strength when inflated. These can
achieve even longer lengths in comparison to deployable booms due to even higher packing density.
These are folded in an origami driven approach or coiled up like the deployable booms, shown in Figure
2.5.

Actuation/Release Motor start or latch release (coilable), Valve release/opening (inflatable)
Mechanism

Guiding Mechanism  Boom’s intrinsic shape, curvature and stiffness. Often facilitated with a
(displacement) spool (linear)

Damping Mechanism Valve acting as flow restrictors (inflatable)
Control Mechanism Usually fixed at deployed state.

Active Motor Deployment

Active deployment mechanisms have also been considered in many space missions. Here, instead of a
one-time deployment through a pre-loaded spring-based mechanism, rotary actuators and motors can
be controlled to provide the rotational movement required to the deployed appendage. Electric motors
are not so prevalent in the deployment of small satellite appendages due to their need to be close to the
power distribution and control mechanism onboard the satellite. This is why they can only assist in the
deployment of singular panels since they can’t be placed in between consequent panels. Theoretically
placing them between consequent panels in a Z-folded or roll-folded configuration would require power
distribution to their location, and would entail additional wiring, etc. This issue is presented in Figure
2.7. Electric motors however have been vastly used in various Solar Array Drive Mechanisms (SADA)
that help orient the arrays to the desired pointing vectors for maximum power generation and drag
requirements. Such a SADA is shown in Figure 2.6.
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A2
Electric
Motor

Figure 2.7: Electric Motor Deployment and Folded Panel
Figure 2.6: Solar Array Drive Assembly [25] Infeasibility

A combination of these have been used in deployment mechanisms prior and is also presented in two
academic studies at Universita di Roma by Fabio Santoni et al [26] [27] where they leverage the modifiable
design of the innovative deployable panels and attach it to a rotating shaft controlled by a DC motor.

Actuation/Release Motor Start
Mechanism

Guiding Mechanism  Hinge/Gear trains unfolding the panels.
(displacement)

Damping Mechanism Not required due to controlled
deployment speeds.

Control Mechanism Motor driver w/ sensors to determine
deployment angle.

Articulated Masts/Truss Booms

Articulated and coilable masts, such as those first developed by
Astro Aerospace Corporation and later refined into designs like
the Folding Articulated Square Truss (FAST) mast, utilize lattice
columns and repeating cubic space frames to achieve lightweight,
high-load structures. Pre-stress is applied using buckled fiberglass
bows, which also facilitate the deployment of each bay. A coilable
mast is shown in Figure 2.8, showing all phases of the deployable
structure. Some notable modern solutions within this domain
are provided by Orbital ATK [28]. Stowage length for coilable
masts are between 0.5% and 2% of the deployed length, which
is excellent for storage. However, the mast must be stored in a
canister, the size of which may be too big for small satellites.

Deploying

Stowed

Figure 2.8: Coilable Masts

Actuation/Release Latch/pin puller facilitating canister
Mechanism release

Guiding Mechanism  Mast extension through joints and linking
(displacement) elements (linear)

Damping Mechanism Frictional elements or link material’s
energy dissipation,

Control Mechanism Usually built into sequentially unfolding
design, fixed at deployed state.
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Summary
A summary of the deployment mechanisms and their advantages and disadvantages are provided in
Table 2.4. These will be traded-off later in the design process as part of the 2nd research question.

Table 2.4: Deployment Mechanisms Overview

Deployment Type Advantages Disadvantages
Mechanism
Spring-Loaded | Passive - High heritage, used in most | - Release mechanism required

small satellites including Pock-
etQUbes such as FOssaSat,
Unicorn 2D, etc.

- Low mass/volume required

- No power required (apart
from release mechanism)

- Small radial size

- No solar array control possi-
ble

- Small force remaining at end
of deployment

- Limited to rigid solar panels

Coilable/ Inflat-

Passive/ Ac-

- Large linear displacement

- Motor required to drive

able Booms tive (large arrays) boom or heavily tensioned
springs
- Heritage in large spacecraft,
limited small spacecrafts such | - Fluid required for inflatable
as InflateSail 3U. (mass/volume)
- High packing efficiency - Boom material is heavy, un-
justifiable for PQs
Rotary  Actu- | Active - Retractable - High power requirement
ator/  Electric
Motor - Release mechanism not re- | - Additional control circuit re-
quired quired
- High heritage in small satel- | - High mass and volume re-
lites, particularly cubesats. - | quired to mount to panel
Large torques achievable
- Active control available,
higher power generation
Articulated / Passive/ Ac- | - Large linear displacement | - Complex design and assem-
Coilable Masts | tive (large arrays) bly

- Rigid end of deployment,
removing need for latch-
ing/locking.

- Large testing bench/space
required

2.4. Hold Down and Release Mechanism

The HDRM is required to keep the solar arrays within the given dimensions of the PocketQube deployer
prior to launch. The HDRM should be capable of withstanding all launch loads and keeping the solar
arrays stowed prior to deployment sequence initiation. A number of HDRMSs have been developed for
space applications but they have mostly been limited to "burn wire" assemblies for small satellites where
active control and heavy components such as NEAs are not feasible in mass, and pyrotechnics are not
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allowed on board. In this section, burn-wire, Shape Memory Alloy (SMA), and Nano-Morphodynamic
Muscle Strand Technology (NMD) solutions are discussed.

2.4.1. Custom Burn Wire Mechanisms

Burn wire solutions are simple, reliable, light, and inexpensive. This makes them prime candidates for
small satellites. Typically, burn wire release mechanism consist of 2 main parts:

1. Thermal Cutter: The thermal cutter could be in the form of resistor or resistance wire like Nichrome
and is usually what provides a thermal cut through the tied down cable. Itis linked to an electronic
circuit that provides the current required to heat up the cutting element.

2. Thermally cleavable tie-down cable: Prevents the deployable appendages from deploying. This
will just be referred to as cable.

Key considerations are recommended by multiple studies done in developing burn wire mechanisms for
smallsat deployable structures.

® Mechanism is required to have 100% success rate across a large sample space. A large sample space
is necessary to ensure reliability and success in the real mission.

* Mechanism should be designed such that it does not warrant the disassembly of the satellite for
integration and testing. This will make the design and testing campaigns easier.

¢ Thermal cutter should withstand multiple activation cycles. This allows for multiple attempts in
case the cable is not cut through, and extensive functional testing in development.

¢ Design should avoid single-point failures. Incorporating redundancy in the design is crucial. If
deployment of the solar arrays fail, the entire mission fails as there is no/minimal power generation
and the optical payload is blocked.

® Design should indicate whether the solar arrays are deployed or not.

Theory
A burn wire setup can be treated as a simple heat transfer problem [29]. The equation that represents the
thermal balance for a wire under various thermal interactions is given by:

— hA{(T - Ty) — 0eAs(T* - Ty)) = cha—T

Acs=— | Ks=—
cs s A ot

d (. 9T\  psl
Ix ( 8x) i

The cross-sectional area of the wire (A.s) is given by tr2. K; represents the thermal conductivity (W/m-K),
while T is the wire’s temperature in kelvin (K). The length of the wire is denoted by / and the applied
electrical current by I. The wire’s resistivity (p;,) is measured in Q-m, and # is the coefficient of convective
heat transfer (W/ mZ-K). The surface area exposed to the environment is A (m2), and Ty represents both
the ambient temperature and the initial temperature of the wire in kelvin (K). The Stefan-Boltzmann
constant o is taken as 5.6704E — 8 W/m?-K*, and the emissivity € is assumed to be 0.8. The specific heat
capacity (c) is in J/kg-K, density (p) in kg/m?, and the volume of the wire (V) can be calculated as A - I.
Time is represented by ¢ (s).

The first term in the equation refers to conduction, which we can assume to be negligible to any
surrounding surfaces. The second term is the energy due to the flow of current. The third term refers to
convective heat transfer and the forth term refers to the radiative heat transfer. In a vacuum environment,
we can assume convection and radiation to be negligible. Although p, varies with temperature, this

variation is compensated by a constant power model where the change in current (I) maintains a constant

Pp,l . .
power P, calculated as f" . The reorganized equation becomes:

Tn - Tn—l
P=cpV———
PYTTAL

If the energy balance is used for a vacuum environment and given a certain step size, one can then
estimate the temperature of the wire incrementally. In a study by Chandler Dye at the University of
Arkansas, even though the energy out is inaccurately considered to be 0, the rise in temperature with
time for vacuum conditions in a test environment matches the analytical calculations well [29].
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This calculation can be adopted for a resistor as well, as these are also viable thermal cutters in deployment
mechanisms. It allows for judgment on how much current and for what duration the current must be
passed for the thermal cutter to reach a viable cutting temperature and not overshoot to remove its
reusability in case of failure.

Nichrome Burn Wire Release Mechanism

Resistance Wires have been used in numerous burn
wire mechanisms for deployable structures in space. A
widely used burn wire mechanism is one invented by
Adam Thurn, an Aerospace Engineer at the U.S. Naval
Research Laboratory [22] and it consists of Nichrome
which is often used for its high electrical resistance.
When a current is passed through the wire, it acts like
a resistor and rapidly heats up due to to joule heating.
Due to its high melting point, the wire gets sufficiently
hot to cut through the tied down cable without taking
too much damage itself. This nichrome burn wire
mechanism can be visualized in Figure 2.9. Figure 2.9: Adam Thurn’s Burn Wire Mechanism [22]

Thurn’s design incorporated a spring-loaded burn wire

solution because it could be actuated with standard CubeSat bus power, it was simple to develop by
university students, and it used low cost electronics to build. Compression spring system as shown
in Figure 2.9 applies a force and a stroke to the nichrome burn wire. These compression springs are
held between two saddles which are positioned on dowel pins using retaining rings. The dowel pins
have a tapped hole for button head screw threads to go into. The nichrome wire is then tied around
the threads. The free length of the nichrome wire is configured into a V shape with the apex in the V
being the primary area for cutting through the tie down cable. The free length range is determined by
a minimum length that avoids problems with heat sinking to rest of the mechanism, and a maximum
length that will cause the wire to lose structural stability when heated as the tensile strength reduces.

This design by Thurn et al. proved to be an extremely viable and reliable solution to cut through tie-down
cables. This study proposed the use of Vectran cables, but other cables might prove to be viable options.
These will be discussed later in 3.3.2.

The electrical setup of the mechanism is shown in Figure 2.10. In this schematic, the DC-DC converter
is used to step down the voltage from the input voltage, and to receive the enable command from the
MCU (or NAND gate, etc). The inductor L1 then stores the energy when the switch of the converter is on.
When the switch is off, the energy is released to the output through the flyback diode. The capacitor
circuits C3, 4 and 5 are there to reduce any fluctuations in the input voltage that could be detrimental to
the thermal cutter working effectively, also known as bypass filtering [30]. On the right most side, U2 is
the assembly with the burn wire resistor setup that receives this heavily controlled voltage.
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Figure 2.10: Nichrome Burn Wire Electrical Setup [22]

There are a number of advantages and disadvantages of using this or similar release mechanisms as
discussed both in the study by Thurn et al.[22] and by Kailaje et al. [31] at Manipal Institute of Technology
all shown in the summary at the end.
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Resistor Based Burn-Wire Circuit

Instead of using a resistance wire like Nichrome, a resistor may also be used as the heat dissipating
component to melt/burn through the tie-down cable. One such design is considered in [32] where
they discuss implementing a burn wire deployment mechanism for a 6U cubesat. The proposed burn
wire mechanism consists of two brackets, a PCB with a burn resistor and a Deployment Status Switch
(DSSW). A surgeon’s knot is used (as it is in pogo-pin mechanisms presented in the next section) to
ensure reliability during stowage.

A PCB integrated with the burn resistor is mounted on a cubesat rail structure. The electrical and
structural setups are presented in Figure 2.11.
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(a) Electrical diagram of power cut off circuit for burn resistor (b) Structural diagram of Surgeon’s Knot

Figure 2.11: Resistor-Based Burn Wire Electrical Schematic and Tie-down Knot [32]

The electrical setup presented for this mechanism is much simpler than the ones proposed for the
Pogo-pin based HDRM and Adam Thurn’s HDRM due to a larger dependency on the MCU. In this
circuit, the MCU provides an enabling input to the relay switch. This switch then allows the input voltage
of 8V to be driven to the burn resistor. Once the DSSW provides a signal to the GPIO pin, the MCU can
then de-activate the relay switch, opening the circuit once again.

An interesting experiment in the study related the release time of the HRM with the thickness and
number of tie-down cable windings (which in the case of the study was nylon). The results provides that
the number of windings has a more prevalent effect on the deployment time with higher thickness of the
cable. At a low thickness of Nylon cable, the number of windings barely had any impact on cutting time.
Another interesting consideration in the experiment was to constrain the mechanism along multi-plane
directions of the solar panel for safely holding the panel in a launch environment.

Pogo-Pin Based Release Mechanism

A pogo pin, also known as a spring-loaded pin is a type of
electrical connector where a spring inside the pin applies a
constant normal force against a contact plate or electrode. It
consists of a slender cylinder and spring-loaded pin. This is
an enticing option for deployment mechanisms and studies
have been done by Park et all and consequently developed
by Oh et all [34] [35] to study the feasibility and possibility
of such a design. The initial design is an evolution from the
traditional burn wire mechanism. The pogo pins provide
an electrical interface to provide power to the burn wire
triggering resistor. The spring force applied by the pin also Figure 2.12: Pogo Pin [33]
initiates the deployment guide of the solar panels. The design

is shown in Figure 2.12.
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Mechanisms consist of a PCB, guide pins, burn resistors, spring-loaded pogo pins, and brackets. There is
a primary and secondary PCB. The secondary PCB is mounted on the solar panel while the primary PCB
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Pogo pin-type holding
& release mechanism

Deployable solar panels (total 4EA) Stowed solar panel

Figure 2.13: Pogo Pin Based Release Mechanism [35]

is on the smallsat bus. The primary bus provides the connection to heat up the resistor in a closed circuit.
The guide pins, as shown in Figure 2.13, provide the contact points to wrap the tie-down cable around.
In the study, a surgeon’s knot is suggested to tie-down the cable in order to make sure that the not does
not come lose.

Surgeon’s knot
N
s
N/ NS

Figure 2.14: Pogo Pin Knot

The electrical setup used was fairly simple. A 5 Ohm resistor was used and multiple levels of voltages
were passed down. 5V and 8V were used to see the change in release time of the solar panels. The
change in current from 5V to 8V showed significant changes in release time as shown in their observed
values, as 5V obtained release times ranging from 6 to 12 seconds and 8V obtained more precise release
times around 1 second. A similar pogo-pin based HDRM was developed for a 3U CubeSat at the Space
Technology Synthesis Laboratory [36].

2.42. COTS HDRMs
SMA-Based Release Nuts / Pin Pullers

SMA-based HDRMs represent a reliable and compact solution for the secure stowage and reliable
deployment of deployable components, such as solar arrays or antennas. SMA materials have the unique
ability to return to a predefined shape upon heating, making them suitable for release mechanisms where
precision and repeatability are required.

Figure 2.15: DCUBED Nano Release Nuts [37]

A key feature of the DCUBED SMA HDRM is its integration of a low-power electrical circuit that
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heats the SMA actuator. When current is applied to the circuit, the SMA material undergoes a phase
transformation, causing it to contract and release the hold-down mechanism. This process is clean,
efficient, and eliminates the need for pyrotechnic or spring-loaded alternatives, making it ideal for small

satellites with strict debris regulations.

Figure 2.15 shows the NANO release nuts and pin pullers available at DCUBED that could fit within the
volumetric constraints of PocketQubes. The Nano SmartPack Release Nut on the left fits within a volume
envelope of 75 * 34 * 4 mm3, and the ND3PP on the right fits within a cube envelope of 17 * 17 * 17 mm?3.

Gecko Release Mechanism

The Gecko release mechanism, designed by Thermal Man-
agement Technologies, was created to mitigate the effects
of exposed tie-down cables and deployment failures for
small satellites. Being somewhat similar to the DCUBED
Smartpack, this mechanism is stored on a long, flat, and
thin structure that incorporates both the hold-down and the
release mechanism. However, it uses the traditional thermal
cutting technology and also incorporates redundant release
circuits within itself. This is shown in figure 2.16. The panel
can be secured onto two types of hold-down structures, with
the one on top being more suitable for limited volume. These
mechanisms can be aligned to either long face of the Pock-
etQube and fit within the dimensions. However, this would
greatly impact the internal design of the PocketQube and
favor differently stacked PCBs inside.

EXA Nano-Morphodynamic HDRM
Nano-Morphodynamic muscle strand technology is devel-
oped by the Ecuadorian Space Agency that does not require
any moving parts [39]. It is only activated by resistive current
or heat and has extensive flight heritage on dozens of mis-
sions dating back to 2013. These can be highly customized
in terms of hold-down strength. These are usually designed
for NanoSat applications and can have repetitive/resettable
deployment, which is key in testing. Activation power re-
quired for these is 5W to deploy in 5s. That attributes to
a large battery consumption required for activation. This
technology is featured on EXA’s Deployable Multifunctional
Solar Array.

Figure 2.16: Gecko HDRM [38]

Figure 2.17: EXA NMD HDRM [39]



2.4. Hold Down and Release Mechanism

21

2.4.3. Summary

A summary of all the HDRMs discussed and found in literature is provided in table 2.5.

Technology

Advantages

Disadvantages

Nichrome Based
Release Mecha-
nisms

- Nichrome-based release mecha-
nisms have been used in a num-
ber of missions and therefore they
have proven reliability.

- Most components are inexpen-
sive.

- Relatively simple design, easily
manufacturable by university stu-
dents.

- Slow cutting process may result
in re-fusing the tie-down cable,
causing failure. This failure mode
would prevent re-activation of the
mechanism.

- The burn mechanism produces
smoke that could be harmful for
nearby optical sensors.

- Long lengths of the tie-down
cable may entangle around sur-
rounding subsystems or obstruct
any optical imagery.

- Assembly is highly dependent
on workmanship that can involve
human errors.

Resistor Based
Release Mecha-
nisms

- Less workmanship required as
only one wire/cable component
needs to be assembled, and the
resistor is fixed.

- Heat response is less complex to
predict in analysis.

- Simple design for manufacture
by students.

- Low heat dissipation to sur-
roundings in comparison to
Nichrome Wire.

- Additional fixture/brackets re-
quired around the resistor to tie
down the cable, increasing num-
ber of components.

- Deployment failure if the tie-
down cable is not tensioned onto
the resistor properly, which is
avoidable with Nichrome wire
due to its draw. Also highly de-
pendent on workmanship during
assembly.

Pogo Pins

- Pogo pins maintain constant con-
tact force, ensuring connectivity
even if the tie-down cable loses
tension during launch.

- Their small size makes them
ideal for compact spaces, such as
in a PocketQube.

- They feature blind mating and
self-alignment and are resistant
to vibration and shock, which is
crucial during launch.

- They can indicate deployment
status; loss of contact with the sec-
ondary PCB signifies successful
solar panel deployment.

- Electrical contact point can fail
if debris or dirt is present.

- Limited current capacity may
restrict their use in some deploy-
ment mechanisms.

- Higher cost compared to other
connectors.

- Added complexity compared
to traditional burn wire mecha-
nisms.
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Technology Advantages Disadvantages
COTS SMA- | - Available in extremely compact - Fixed and large geometries limit
Based Release | sizes in new developments by integration on small satellites.
Nuts/ Pin | DCUBED, can even fit inside Pock- Need space internally in the Pock-
Pullers etQubes. etQube bus.
- Built in redundancy and high - Usually higher power require-
reliability since they are tested ment to activate.
and approved for flight.
- Higher cost compared to other
- The time of release is control- custom burn wire solutions.
lable based on the amount of
power supplied.
- They can indicate deployment
status.
- Highly reusable, making them
excellent for testing. Have a high
number of use cycles and can be
reset easily.
NMD HDRM - Their small size makes them - Higher cost compared to custom
ideal for compact spaces, such as HDRMs.
in a PocketQube.
- Lack of available information
- Available in custom sizes from regarding NMD technology
Ecuadorian Space Agency.
- They can indicate deployment
status.
- Built in redundancy and high
heritage, contributing to high re-
liability.

Table 2.5: Comparison of different HDRMs

2.5. Deployment Guide

This section focuses on the mechanism that drives the solar panels to their final/deployed configuration,
excluding the final blocking/locking mechanism. To provide the rotational movement that allows
solar panels to unfold, a number of mechanical systems can be evaluated consisting mainly of passive
mechanisms with rigid hinges and flexible hinges or active mechanisms with linear actuators and motors.
Rigid hinges can consist of free hinges, torsion spring hinges while flexible hinges can consist of tape
spring hinges or Shape Memory hinges.

Rigid hinges are similar to door hinges that are modified for space applications [40]. These typically
contain 3 elements: 1) a pin and housing for solar array to pivot around; 2) a spring to provide the force
for deployment (this can be obsolete given that there is another way to provide the push needed to
unfold); 3) a latching mechanism to lock the panel in place once it’s deployed.

Flexible hinges provide an alternative solution to rigid hinges by removing unnecessary parts and
incorporating the driving force in the same material that would hold the structures together. This
material could come in the form of SMA parts or tape springs, that provide the restoring force.
While flexible hinges require less parts and can contribute to a simpler assembly, the lack of material
specifications and unpredictability of the flexible material can lead to quite extensive testing requirements
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and non-linear analysis. It also has less heritage in comparison to rigid hinges for deployable structures.

Linear Actuators and motors provide active alternatives to the passive structures discussed where the
deployment process could be controlled electrically. While these are appropriate for larger spacecraft,
their mass, volume and complexity eludes their involvement in smallsats where miniaturized and light
structures are preferred and there isn’t much room available. For a small satellite mission, the end
of life usually requires a de-orbit maneuver where the satellite completely ablates in the atmosphere.
Therefore, retracting the solar panels into stowed configuration is not required and an active mechanism
is redundant.

2.5.1. Rigid Hinges

Torsion Spring Hinge

Torsion spring hinges, also known as torque hinges and torsion hinges, are the most commonly used
hinges in smallsat deployment mechanisms. Notable PocketQubes using rigid torsional hinge deployment
mechanisms include FossaSat-2 and Unicorn-2. The conventional mechanism consists of many moving
parts, such as springs, cylinders, and locking devices for the final blocking. 2.18a shows the setup of a
torsion spring hinge as described by Ha et all at RMIT University [41].

cylinder

S

(a) Torsion Spring Hinge [41] (b) EXA Nano Hinge [42]

Figure 2.18: Helical Torsion Spring Hinges

Typically, a rod is placed through a torsion spring as the spring is not able to withstand all the torsional
loads. The ends of the torsion spring are placed in two different housings, one that is attached to the
stationary surface and one that is attached to the rotating surface. In the case of consequent panels, both
surfaces would be rotating. COTS hinges are also available on the CubeSat market, similar to the one in
2.18b. However, usually custom solutions are preferred since COTS systems have specific separations,
axis diameters and surface thicknesses that might all be different for different solar panel assemblies.
These rigid hinges have high heritage in spaceflight and provide a solidified and controlled mechanism
for deployable structures. However, they also contain increased number of parts that could be susceptible
to higher mass, complexity and cold welding phenomena.

The torque relationship for torsion springs is linearly proportional to the angular deflection as seen
in figure 2.19. After the maximum deflection (usually provided by the manufacturer) is reached, the
torque gets exponentially unpredictable. Therefore, it is recommended to stay within the maximum
torque deflection provided by the manufacturer, and that corresponds to the maximum internal bending
stresses.
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Figure 2.19: Helical Torsion Spring Torque & Angular Deflection Relationship [43]

2.5.2. Flexible Hinges
Tape Spring Hinges

A tape spring is a thin-walled structure that can incorporate a curved cross-section. A commonly used
version of a tape spring is the Carpenter’s tape. One might notice that when the carpenter’s tape is
folded, it contains elastically stored energy that is released to bring it back to its original position and
the curved cross section assists with that. These come under the category of self-locking hinges as well
since they may self stabilise the structure after deployment when equilibrium condition is satisfied [44].
Due to the relatively low stiffness of these elastic tape springs, their deployment behavior is extremely
non-linear, and a number of oscillations might be required to reach this equilibrium/deployed state.

Typically, a tape spring consists of the following general parameters:

Thickness (t)

¢ Transverse radius of curvature (R)

Subtended angle of cross section (alpha)
Length (L)

These are indicated in Figure 2.20.

P

Z

Figure 2.20: Dimensional parameters of the tape spring [44]

Due to space conditions, the choice of materials for space applications is limited to steel, aluminum,
CFRP, GFRP, KFRP, and beryllium copper alloys. Due to the thin-walled nature of the tape spring, it is
necessary to investigate its folding and deployment mechanics, as well as the storage of strain energy in
stowed configuration.

Tape springs inherit two behaviors due to bending moments, depending on the location. Equal and
opposite sense bending. If the direction of couple is opposite to the natural transverse curvature, the
tape-spring produces a sudden snap-through buckling to form a reverse folding. If the direction of
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couple is in the same direction as the transverse curvature, a more gradual positive folding is generated.
A similar moment-rotation relationship has been identified in numerous studies and this quasi-static
nonlinear behavior can be represented by the following Figures 2.21 and 2.22:
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Figure 2.21: Equal and Opposite Sense Bending
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Figure 2.22: Tape Spring Moment-Rotation Relationship [44]

Calculations regarding storage and release of energy in tape springs are provided in A.6.

Shape Memory Polymer Composite Hinges

Shape Memory Polymer (SMP) is a material that has the ability to react to additional stimuli (heat/pressure)
by changing its molecular organization and rebound to its original shape from its temporary shape. The
changing process of a thermally responsive SMP is called programming can be seen in Figure 2.23 [41].

Heating Stretching

Original Original Deformed Shape
Shape Shape
l Cooling
Release —— —
Heating Stress
Original Fixed Shape Deformed Shape
Shape (Temporary)

Figure 2.23: SMP Programming

First, the temperature of the polymer is increased beyond the glass transition temperature to prepare for
the stretching process. The polymer is then stretched into the desired stowed configuration with external
forces. The polymer is then cooled at the desired deformed shape and the external forces are removed.
To bring the polymer back into the original shape, heat is reapplied and the temperature is raised up to
the glass transition temperature (lower than the transition temperature). This has great potential for
deployment mechanisms in space missions due to the low weight, large recoverable strain and easy
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processing. The lack of a separate burn wire release mechanism is also favorable. However, deployment
mechanisms also require large recovering forces which can hinder release time. Power requirements for
heating up the SMP material can also be much higher than burn wire mechanisms.

Shape Memory Polymer Composite (SMPC) hinges are shape memory polymers with fiber reinforcements
that also have the strength of traditional reinforced polymers while still retaining the shape recoverability.

b1)

Figure 2.24: SMP Hinge 90 and 180 [45]

A study by Lan et all [45] delved into possible hinge configurations using SMPC hinges as shown in
Figure 2.24. The SMPC hinges also use the shape of a carpenter’s tape for increased bending stiffness.

While the tape spring hinges offer self blocking at the deployed configuration, SMPC hinges may require
an additional self-locking mechanism to lock its deployed state rigidity, which would add additional
mass.

Shape Memory Alloy Hinges

Filed under Patent No: 12,030,672, NASA Glenn Research Center has developed SMA hinges specifically
for CubeSats and small satellites, providing a lightweight, reliable mechanism for release and deployment
of solar arrays and antennas [46]. Unlike traditional mechanisms, these SMA-based systems are compact,
low-power, and free from debris generation, as they do not require pyrotechnics or burn wires. The
system uses an SMA-activated pin puller to disengage retention hooks, allowing SMA spring strips in the
hinge to passively deploy the components once in orbit. This innovation has already been successfully
used on NASA missions, showcasing its potential as a transformative deployment solution for small
satellites. The new SMA spring strips can be visualized in figure 2.25.

Stowed Configuration  Hard stop feature on hinge Deployed Configuration
lug and bracket ensures the
arrays are deployed to 135°

Hinge Latch Hook
1095 Spring Steel
with MoS; lubricant

Hinge Bushings
Paolyimide Plastic
with Graphite

Ve Hinge Latch Lug
SMA Hinge Knuckle Hinge Pin Hinge Bracket 7075-T7351 AL
Rivetedand 7075-T7351 AL 17-4 PHH900 7075-T7351AL Riveted and oy

Soldered Riveted and . Structural Epoxied
Structural Epoxied

Figure 2.25: NASA Glenn’s SMA CubeSat Hinge [46]
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2.5.3. Spin-Stabilized Deployment

Spin of a satellite can be used for deployment of solar arrays as well. This deployment technique is
particularly beneficial when considering the deployment of really large membranes, such as flexible solar
arrays, solar sails. Suggested by ISSL's CubeSat project, they intended to experiment the deployment
of large thin film solar cells using centrifugal force generated by spinning the satellite main body [47].
Another notable mission that utilized centrifugal force to deploy a large solar sail membrane was IKAROS
by JAXA. Masses are attached to the four corners of the sail to keep tension on the sailed, and a low
spin rate is maintained for this purpose as well. While this membrane was largely used as a means of
propulsion, there were thin film cells attached for power generation possibilities as well. Both of these
missions are visualized in figure 2.26a and figure 2.26b.

[ i

(a) Tokyo University CubeSat [47] (b) IKAROS [48]

Figure 2.26: Notable missions featuring solar array/sail deployment by spinning or centrifugal force

2.6. Summary of All Options

Having reviewed all the options available for the different parts/stages of the deployable solar arrays,
they can be summarized in table 2.6. Additionally, damping mechanisms found in the same academic
papers reviewed have also been added. The table provides the sub-mechanism or function in on the left,
with the available solutions identified for those in the proceeding columns.

Table 2.6: Overview of Sub-Mechanisms and Solution Options

Sub- . .
Mechanism Solution Options
Hold Tie-Down Release . Gecko EXA's
D Cabl Nut / Pin HDRM NMD

own avle Puller HDRM
Release Resistor- Pogo-Pin Nichrome Release Active
Mecha- based Burn Mecha- . Nut / Pin Motor

. . . Burn Wire
nism Wire nism Puller Control
Deployment Coilable / Linear Active Elasﬁc SMA Sp s /

- Inflatable Spring (Spring) Centrifugal
Guide Actuator Motor . :
Masts Hinge Hinge Force

: ReS}dual . Stable Tape
Final Spring Torque | Active Sorin
Blocking + Hinge Motor Lock | 2P"'18

. Position
Design
Dampin Fastener Friction
ping Torque Pad/Break
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2.7. Structural Analysis Theory

Designing structures and mechanisms for satellites requires addressing various environmental challengers
encountered during launch. One of the primary concerns is mechanical loads, withstanding high
acceleration, vibration and acoustic loads during launch. These are more stringent than in orbit loads,
which consist of thermal stresses due to temperature extremes and oscillations induced by mechanisms.
Analysis can assist in identifying material selection and optimizing mass, making sure that design
selections can withstand launch and in-orbit conditions. Structural analysis of the final assembly plays a
critical role in evaluating whether the assembly can endure the rigorous acceptance tests mandated by
rideshare missions, ensuring the satellite does not pose a risk to other payloads or the launch vehicle.

2.7.1. Static Analysis

Static loads on spacecraft are the time-invariant forces experienced by the launcher during different
phases of flight. These loads are usually quantified in axial and lateral accelerations. The structures
should be simulated to withstand maximum load enveloped described by the launchers (axial + 6g and
lateral + 3g for Falcon 9).

For static loads, the system is assumed to be time-invariant. Thus, velocity and acceleration are zero:

x(t) =0, %(t)=0

The equations reduce to:

2.7.2. Vibration Theory

During launch, satellites are subjected to various vibrational loads that can stem from vibroacoustic noise,
booster ignition and burn out, engine vibrations, and countless other sources [49]. These disturbances
travel through the rocket’s structural frame, causing all attached components to also vibrate. These
vibration loads can be great enough to shake critical components apart if they’re not designed properly.
In order to design spacecraft to survive launch loads, dynamic analysis is necessary. By performing
dynamic analysis throughout the design process, we can establish certain confidence that the satellite
can withstand the launch environment and still function afterwards.

On the theoretical side, vibration analysis often begins with a simplified single-degree-of-freedom model.
Consider a mass m attached to a spring (stiffness k) and a damper (coefficient c) under an external force
F(t). The equation of motion is:

mx + cx + kx = F(t),
where ¥ and # represent velocity and acceleration, respectively.

If no external force is present, the system’s natural frequency w, = 4/ % determines how it vibrates on its
C

2Vkm

own, and the damping ratio C = governs how quickly those oscillations die out.

Modal Analysis

Modal analysis is a way to understand the dynamic response of a structure into a set of independent
modes of vibration, each characterized by a resonant frequency and a mode shape. Modal analysis begins
by neglecting the damping and external forces and assuming free vibrations, resulting in the following:

M + Kx = 0,

where M is the mass matrix, K is the stiffness matrix, x is the displacement vector, and X is the acceleration
vector. Assuming harmonic motion, the displacement can be expressed as:

X(t) — ¢eimt,
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where ¢ is the mode shape, w is the angular frequency, and ¢ is time. Substituting this expression and its
second derivative (X = —w?x) into the equation of motion gives:

(~0*M +K)¢ = 0.

This can be rearranged as:

(K- w*M)¢ = 0.

The above equation represents an eigenvalue problem. For non-trivial solutions (¢ # 0), the determinant
of the coefficient matrix must be zero:

det(K — w*M) = 0.

Solving this determinant yields the eigenvalues a)f, which correspond to the square of the natural
frequencies of the system.

Random Vibrations

Random vibrations occur due to irregular, unpredictable forces acting on structures and are nondeter-
ministic in nature. They do not have a repetitive, oscillatory nature like the sine vibrations discussed
previously. Typically, a cluster of vibration intensities and frequencies exist, with a Gaussian distribution.
The input to a random vibration analysis is given in terms of Power Spectral Densities (PSD). Usually the
Root Mean Square (RMS) of the results are studied. Typically, the analysis is performed over a specific
frequency range and in spacecraft design, this corralates to frequencies from 0 to 2000 Hz.

The Fourier transform is used in random vibration analysis to convert the equations of motion from the
time domain to the frequency domain, due to their expression in PSD format.

Using Fourier transforms, the equations can be transformed into the frequency domain as:

[—a)ZM +iwC+ K] X(w) = F(w)

A transfer function characterizes the dynamic behavior of a system by describing how the system
responds to the input forces in the frequency domain.

H(w) = A(w) — iB(w)
where A(w) and B(w) are the real and imaginary components of the transfer function.

The relationship between the input and output PSDs in the frequency domain is given by:

Sout(w) = |H(a))|2~sin(w)

The Root Mean Square (RMS) response is a key metric in random vibration analysis, representing the
statistical magnitude of the response. It is calculated by integrating the output PSD over all frequencies:

RMS = / Sout(w) dw
0

To qualify certain sub-systems and small satellite structures for launch, certain profiles are used as the
input PSDs to gauge the response, specifically evaluating the deformation and von-mises stresses.

National Aeronautics and Space Administration (NASA) created the General Environment Verification
Standard (GEVS) to define a launch environment that matches/exceeds the baseline for most launch
systems. This profile can be visualized in figure 2.27.
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Figure 2.27: GEVS Vibration Qualification Profile

For this thesis, the random vibration module will be used alongside the modal analysis module within
the Ansys Workbench and suite to determine the response from the stowed solar array assembly.

2.7.3. Explicit Analysis

Explicit dynamics is a numerical technique used to solve highly transient problems involving short-
duration events, such as impacts, explosions, or crash simulations. In the case of this thesis, explicit
dynamics will model the impact moment occurring at the end of panel deployment. Due to the extreme
non-linearity of such events, achieving convergence using traditional implicit methods is infeasible.
Explicit dynamics overcomes this limitation through uncoupled equations that can be solved directly,
avoiding iterative matrix inversions and convergence checks.

Explicit analysis is typically based on the central difference method, a time integration scheme where
displacements and velocities are computed explicitly at each time step using previously known values.
This method is computationally efficient for short time steps but requires careful selection of time
increment sizes to ensure numerical stability.

(P.— F,+ H,)

Gty = M

Acceleration at

time n

Uni1/2 = Un-1/2 +ay, - Atﬂ.

Stress at time

n+1 Velocity at time

n+1/2

Strain at time Displacement at
n+1 time n+1

Up+1 = Un + Unyij2 - Dni1yo

Figure 2.28: Explicit Dynamics Solution Process
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Figure 2.28 outlines the solution process in explicit dynamics

To accurately simulate the impact at the end of deployment, Ansys LS-DYNA will be used instead of the
Explicit Dynamics module. LS-DYNA offers enhanced capabilities, including the ability to account for
rotational velocities and complex contact conditions, making it ideal for this purpose.



Design of Deployable Solar Arrays

The primary objective of this chapter is to develop a design for deployable solar arrays that can be utilized
on 3P PocketQubes. At the outset of this thesis, a potential project within the Delfi Space Program
involved developing deployable solar arrays for a 3P PocketQube in a wing configuration, also referred
to as configuration 3 within the literature review section 2.2.1. This configuration is already featured on a
number of missions using Unicorn 2, FOSSASat-2 and Challenger as seen in table 2.1. This configuration
features high peak power generation due to the availability of a singular, large surface that can be exposed
to the incident solar radiation.

The design process will incorporate structural analysis to ensure the chosen/designed components
can withstand expected conditions. This chapter will lay the groundwork for future prototyping and
iterations, enabling their integration into upcoming missions within the Delfi Space Program. The
requirements for this design are detailed in 3.1, and the overall design process is outlined in 3.2.

3.1. Requirements

Generating requirements is a critical step in the design process as it provides measurable goals that
guide the development and evaluation of the final design. For this design, the requirements are derived
from established standards, including the PocketQube Standard and the AlbaPOD ICD. The PocketQube
Standard provides guidelines for dimensions, weight, and functionality to ensure compatibility with the
PocketQube framework [8]. The AlbaPOD ICD specifies critical interface parameters, such as deployment
constraints and attachment mechanisms, ensuring seamless integration with the launch deployer [9].

Requirement | Requirement Source

ID

RQ-DC-01 All deployable appendages shall be constrained by the PocketQube | PQ-Gen-01
and not by the deployer

RQ-DC-02 Deployment mechanism shall avoid flammable and hazardous PQ-Gen-03
materials.

RQ-DC-03 Stowed solar panels and deployment mechanism shall fit within total | PQ-Mech-06
length of 192.0 £0.1 mm (+z).

RQ-DC-04 Stowed solar arrays and deployment mechanism shall fit within a AlbaPOD
10.5 mm appendage volume on either side of the PocketQube (+x). | ICD

32
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Derived Functional Requirements

Aside from the requirements available directly from the PocketQube standard and the deployer ICD
from AlbaOrbital, additional requirements are derived from reviewing academic papers regarding and
ECSS standards, particularly "ECSS-E-ST-33-01C-Mechanisms".

Requirement | Requirement
ID

RQ-FN-01 Deployment mechanism shall lock the panels in place post deployment.

This requirement is derived from the review of all non-orientable solar arrays.
Without the panels locking in place, there would be uncontrollable vibration effects
and attitude control system would have to account for the unstably deployed solar
arrays. This requirement is also derived from ECSS-E-ST-33-01_0820139 "Electrically
actuated deployable items shall use positive latching or locking"

RQ-FN-02 Hold Down mechanism shall keep the solar panels secured until planned deployment

As derived from the Albapod ICD, solar arrays cannot touch the AlbaPod outer wall
due to concerns of jamming the push plate. Therefore, they have to entirely be
constrained by the hold-down mechanism.

RQ-FN-03 Deployment mechanism shall provide feedback telemetry on deployment status post
attempt

This is necessary due to the planned start of other systems in the PocketQube
deployment sequence. It is also outlined in ECSS-E-ST-33-01_0820135 "Unless
monitored at spacecraft system level, the design of mechanisms shall include means
to monitor the execution of its main functions."

RQ-FN-04 Release mechanism shall incorporate redundancy

Redundancy is crucial in release mechanisms/circuits because failure to deploy can
result in mission failure due to insufficient or absent power generation. This can be
included in the form of multiple burn resistors, etc. It is mentioned in
ECSS-E-ST-33-01_0820454 "All single point failure should be eliminated by
redundant components.”

RQ-FN-05 In the event of deployment failure, solar arrays shall still be able to generate power in
stowed configuration.

Deployment failures as studied in [50] are particularly prevalent in solar arrays and
often result in mission failures. Redundancy in release mechanisms is not sufficient
as failures can be attributed to tribology (frictional effects), inadequate torque
margins, etc. An example is NASA’s Galileo Spacecraft’s high-gain antennas or ESA
Beagle 2, which was declared lost due to lack of data transmission.

While small satellites may be launched with minimally charged batteries, they are
often sitting in deployers for long durations prior to launch. Due to depletion,
PocketQubes may need to generate enough power in orbit to activate the release
circuits.
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Requirement | Requirement
ID

RQ-FN-06 Deployable solar array assembly should be completely mounted on the exterior of the
PocketQube volume.

This requirement was developed by reviewing existing COTS deployable assemblies.
They can usually be attached to the exterior surfaces of small satellites utilizing
fasteners and do not utilize any internal volume that may be required by important
payload. This requirement does not include information flow as specified in 3.3.1.

3.2. Design Process Overview

The design overview is provided in 3.1. Firstly, trade-offs will be conducted to determine the best
concepts for the overall deployment mechanism, and consequently the HDRM and deployment guides.
Following this, the PCB Assembly design to fit within the stowed envelope will be developed. This
will include an evaluation of the present materials available and the possible layout to incorporate all
required components. Furthermore, vibrational analysis will be done to determine the thickness and
spacing combination that survives the most extenuating launch loads. Finally, a hinge design will be
developed using constraints derived from the previous sections. Springs will be identified that are
available in the market and provide relevant torque to deploy the panels instantly. Lastly, a hinges will be
developed to support the springs and survive the shock experienced due to the impact at the end of
deployment. Explicit analysis will assist in determining the survivability of the hinge during impact, and
further vibrational analysis will be done on the final array design to assess their integrity against GEVS
qualification loads.

Deployment Mechanism Trade-Off
!
HDRM Concept Trade-Off —
!

Design
Trade Offs

Deployment Guide Trade-Off

Material Selection

PCB i
Assembly PCB Layout Determination
Design 1

Thickness and Spacing Analysis

| Torsion Spring Selection F

H mge | Hinge Concept Generation }17
Design L )

i

| Hinge Impact Analysis ‘

Figure 3.1: Design Process Overview

3.3. Deployment Mechanism and Subsystem Concept Trade-Offs
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3.3.1. Deployment Mechanism Overview and Trade-Off

There were a number of deployment mechanisms studied in the literature review. These are spring-loaded,
coilable/inflatable booms, rotary actuators/electric motors, and articulated /coilable masts. All four
of these can be traded-off to pick the most suitable option for the deployable solar array design. A
graphical trade-off is provided in Table 3.3 that evaluates these deployment mechanisms. Advantages
and disadvantages given in table 2.4 are used to facilitate the trade-off.

Deployment Complexity Reliability in Small | Size & Mass Functionality
Mechanism Satellites
fr:)fll?t:ll)el/e ¢ Only 1-2 CubeSat ¢ Can control speed
Booms examples and displacement
launched. length/ angle.
¢ No COTS ® Retractable
solutions design.
available. * No separate
e E.g.: GASPACS, release
Exolerra ROSA mechanism
required.
Rotary .
Actuator/ ® Requires powered | ¢ Used abundantly ¢ Unable to use
Electric motor/ actuator. in SADAs. with multiple
Motor e Complex control * Need gears to panels.
circuitry. translate to ® Speed/
rotational displacement
movement. controllable.
e E.g.: DHV SADA, * No release
Revolv SARA. mechanism
required.
Spring- . . . . .
Loaded ® Requires housing | ® High heritage in ¢ Can be mounted ¢ No control or
& lubrication. CubeSats/ completely retractability
¢ Ground tests may PocketQubes. externally. ® Needs locking +
not match orbit ¢ E.g.: Unicorn 1-2, release
environment. FossaSat. mechanism
* Low number of
components.
Articulated/
Coilable ¢ Can control
Masts gpead
displacement.
* No separate
release
mechanism
required.

Table 3.3: Comparison of Deployment Mechanisms for Small Satellites. Ratings are color-coded as follows: Green meets
requirements confidently, Yellow requires additional considerations to meet requirements, and Red is not expected to meet
requirements.

Based on the graphical trade-off, the most suitable deployment mechanism for this project can be
qualitatively determined to be a spring-loaded mechanism. Spring-loaded mechanisms propose light
weight solutions that have a high heritage in spaceflight. Their complexity is quite large, but this can
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be reduced by incorporating known burn wire designs, and utilizing COTS equipment for springs
and tape springs. Inflatable and articulated masts, albeit with high heritage for large spacecraft, are
not appropriate for this use case since they require a large volume and mass available to store these
structures internally, violating requirements. Active mechanisms using rotary actuators and motors also
have a high heritage in spaceflight, and can provide good control and retract-ability for certain in-orbit
services. However, these require a lot of power, which might not be available prior to deployment with
body-mounted arrays on PocketQubes. Additionally, they also require large components that cannot
be incorporated between consequent panels and still adhere to the volume envelope available with the
deployers. While a combination of motors and coilable booms are available on CubeSats in the form of
ROSA by Exolerra [51], they require large internal volumes to store the booms and motors, infeasible in a
PocketQube volume. A breakdown of what encompasses a spring-loaded deployment mechanism is
provided in the following figure 3.2.

Spring Loaded Deployment

Mechanism
Release Deployment
Mechanism Guide Other Structures
Tie-Down Cable / Holds solar TR Provides F'rmnde.
Release Nut arrays down Spital, efc) torque and Spacers separation
during launch ' rotation between panels
] Interfaces Allow transfer of
Thermal Cutter f f;iz:z;eifthe Housing for between spring Wirina/Routin power from cells
Release Actuator arravs Spring and decoupled 9 9 to storage and
l ¥ I panels PMS
denties ltchingrockin
Deployment Switch | status of Final Elocking g §
at deployed
deployment angle

Figure 3.2: Spring Loaded Mechanism Breakdown

HDRMs consists mainly of a tie-down cable, release nut or alternative COTS hold down mechanism, a
thermal cutter (burn wire) or release actuator for the hold down mechanism, and a deployment switch to
indicate the status of deployment. The deployment guide usually exists of the spring/elastic element that
stores the potential energy for deployment, the housing for this elastic element, and the final blocking.
Other structures possibly contain spacers to facilitate the panel separation, and the electrical connection
and routing through the PCBs. In the following sections, these will be evaluated and traded-off to
provide the best solution to the design of deployable solar arrays.

Functional Overview

Mechanisms can be represented through a functional overview, highlighting how inputs are transformed
into outputs. This approach is valuable for identifying the required structures and understanding how
they contribute to the necessary functions of the system. For deployable structures, it is specifically
outlined in the research study of "Conceptual Design of Deployable Space Structures" by Martin
Hillebrandt [52] and an adjusted version of the functional diagram there is provided below. This is suited
to the spring-loaded deployment mechanism selected previously.
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Figure 3.3: Functional Overview of Spring-Loaded Deployment Mechanism

In Figure 3.3, the scope of the thesis is also described, with both material flow and energy flow within
the design scope. While the information flow, including the circuitry and communication for the release
mechanism, is a very important aspect of the deployable solar panels, they will not be delved into.
However, a brief overview of possible circuits and release techniques will be discussed.

3.3.2. Hold Down & Release Mechanism Concept Selection

This section will explore the development of an HDRM for this design’s deployment mechanism. The
requirements applicable to the HDRM are RQ-DC-01, RQ-DC-02, RQ-FN-03, and RQ-FN-04. Firstly,
attributes and data regarding the release mechanisms from literature will be evaluated. Using these release
mechanisms, certain hold-down concepts are shown that could facilitate the deployment mechanism.
These hold-down concepts are then evaluated and traded-off to pick a concept of HDRM that facilitates
the overall design. Following this, sample electrical setups and considerations regarding the tie-down
cable are also provided, while not delving into detailed design.

Release Mechanism Review

There are a multitude of existing release mechanisms that have been used on small satellites. Some of
these have been studied in the literature review. Table 3.4 summarizes the release mechanisms most
suitable for the small satellite size. While values for burn wire mechanisms may vary drastically due to
the choice of wire, thickness, supplied current and voltage, all values are provided from the relevant,
cited sources.
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Attribute Dcubed Release Nano- Nichrome Burn Resistor-based
Nut [37] Morphodynamic | Wire [22] Burn Wire
Muscle Strand Mechanism [32]
Technology
(NMD) [53]
Average 3.6s (-60), 2.5s (0), | 5s(20) 2.6 - 3s regardless | 0.4 -4.5s (Varying
Actuation 1.9s (22), 0.6s (70) of bus temp with thickness and
Time windings of
tie-down cable
Actuation 1.80-44(1.6-20 |5 1.02-2.30(0.4-0.9 | 13.62 (8V, 4.7Q))
Power (W) A&07-11Q) Q& 1.6A)
Max Energy | 15.84 25 6.912 10.62
Require-
ments (J)
Volume Minimum (17 x17 | 45x3x3 32x16.5x11.5 Custom
Envelope x 17), various
options, smallest
one
Mass >12¢g 1g N/A >2g
(obtained
from
Literature)
Cost ($) N/A >300 >200 N/A
Important - Features - Extremely small | - Successful cut - Choice between
Factors re-activation (great | size but high times influenced Surface Mount
for testing but power by supplied Device (SMD) and
unnecessary for requirement. current to through-hole,
flight). N . nichrome wire. SMD resistors may
- | Yo moving of . de-solder if PCB
- Prequalified for burning parts. - Spring stroke all €S0
spaceflight C the way through temperatures are
- Custom geometry high.
upon consultation. cut extremely
necessary, usually | - Fixed thermal
require 2 for cutting location.
redundancy.

Table 3.4: Release Mechanism Attributes

Focusing on actuation time, power, and energy requirements is vital for the design of the release
mechanism. While the release nuts from Dcubed provide different actuation times depending on the bus
temperature, they demand a peak power of 4.4 W, potentially resulting in a high energy consumption of
up to 16 J, depending on the release times. Similarly, NMD actuators from the Ecuadorian Space Agency
exhibit even higher energy demands and require significant actuation power. In contrast, burn wire
mechanisms emerge as the most suitable options due to their minimal power and energy requirements
for deployment. Additionally, it is important to note that burn wire mechanisms are less influenced by
bus temperature variations, as the temperature needed for thermal cutting is substantially higher.

Volume and mass are critical considerations, particularly given the compact size of PocketQubes. While
Dcubed’s release nuts and pin pullers offer the smallest form factor for their type, they are still relatively
large compared to the other available options and are also quite heavy, excluding the additional electrical
components needed to supply power. Nichrome burn wire mechanism and resistor-based burn wire
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mechanisms offer greater flexibility, as they can be integrated in various locations, with the largest
components typically being the nichrome wire/resistors and brackets used for securing the tie-down
cable.

Lastly, complexity is important to consider as many PocketQube missions are university /high-school
projects. For this purpose, the release nuts and NMD actuators offer the simplest solutions, since they are
COTS components that can easily be incorporated into the design, given the available space and power
required. Nichrome burn-wire mechanisms are highly complex as there are numerous parts and the
release times/success rates are highly dependent on workmanship. Resistor-based burn wire mechanisms
also introduce complexity into the design as they are highly custom. However, the replacement of
a Nichrome wire with a resistor reduces the workmanship required due to the lack of an additional
tensioned components, and consequently provides a simpler solution than Thurn’s design [22].

Hold-Down Concepts

There are various ways to hold-down solar panels while they are in the stowed configurations. This
section will study the four effective concepts to hold-down solar panels based on the literature study and
existing deployable appendages on missions. These options and their advantages and disadvantages are
provided in Table 3.5. It is important to assess multiple structures together for the same functionality,
especially in small spacecraft where independent functionalities may not be the best option to minimize
mass and volumetric constraints. Therefore, the hold-down mechanisms will be evaluated alongside
release setups/assemblies as identified in the literature review.

Schematics of Concepts Considerations

Description: This option features a simple
design where the encasing tie down cable is
connected to both long faces on either side of
the stowed panels. This is a common option
featured on many small satellites, including
AlbaOrbital’s Unicorn 2D. The exception in
their design is the inclusion of two tie-down
%, cables that do not come into contact with the
- cells as none of them are facing outwards (a
crucial requirement for this design).

Release Mechanisms: Nichrome Burn Wire,
Resistor-based Burn Wire

Advantages Disadvantages

-Simple design and as- | - Need additional de-

sembly ployment switch
- Single Burn-Wire re- | - Long tie-down may
Option 1: Simple Encasing Tie-Down quired intcilrfere optical pay-
oa

- Minimizes contact | - Limited face space for
with cells tie-down

- Easy to incorporate
redundancy
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Pogo Pin

Burn
Resistor

b
/ )— x
Tie-down
Cable

Option 2: Pogo-Pin based Hold Down

Description: This hold-down option features
constraining the panels from either side of the
long edge (+z, -z). This can be assisted or
improved by adding a pogo-pin based release
mechanism setup, as featured in Park’s and
Oh’s designs [32] [54]. This is a relatively
novel concept as it has not been launched on
PocketQubes in past missions.

Release Mechanisms: Pogo-Pin and resistor
based Burn Wire

Advantages Disadvantages

- Deployment status
integrated in deploy-
ment sequence

- Power to resistor au-
tomatically cut

- Low Torsional rigid-
ity around z-axis

- Hard to implement
redundancy (multiple
Pogo-pin setups)

- Added complexity
with No. of compo-
nents and need to time
simultaneous release

- 4 Pogo-pin assem-
blies required for 2 de-
ployed assemblies

Resistor

Through-hole
to tie-down
resistor

Option 3: Through hole based Hold Down

Description: This hold-down option features
a legacy setup used in my large deployable
panels, where either the thermal cutter assem-
bly (burn resistor) is mounted on the panels,
or the tie-down cable is secured on the panels
with brackets on the other end.

Release Mechanism: Resistor-based Burn
Wire

Advantages
- Shorter tie-down ca-

ble and less

- Uses same +Xx, -X
faces for release setups

Disadvantages

- Need 1 or more burn
assemblies for each
side

- Limited space avail-
able on the panel for
PV cells
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Description: This hold-down option features
a release nut (specifically DCUBED Nano) also
identified in the release mechanisms in the
prior section, as it acts both as the hold-down
and release. For such a setup, the release nut
would be attached up until the other most
panel, to which it would stay attached to post
deployment.

Release Nut /
Pin Puller

Release Mechanism: Release Nuts

Advantages Disadvantages

-Notie-down cablesto | - Large volume/Mass
interfere with payload | required inside PQ

- Tested and reliable | - Pricier than custom
COTS options burn-wire assemblies
Option 4: Release Nut Hold Down
- Deployment status
integrated by compo-
nent

- Built in reliability

Table 3.5: Evaluation of Hold-Down Mechanisms

Having reviewed both hold down and release mechanisms and evaluating advantages and disadvantages
of the concepts generated, it is important to trade them off with certain parameters that are crucial to the
design of deployable solar arrays. These are as follows:

® Mass and Volume: Due to the limited volume and mass available on the pocketqube, this is the
most important metric to compare the hold-down mechanisms.

e Mountability: While this is synonymous with mass/volumetric constraint, this criteria focuses on
minimal intrusion of the payload volume available and the ability to attach to a PQ body in 'Plug &
Play’ format.

¢ Reliability: This is a very important trade-off criteria and is influenced by heritage, testing, and
redundancy.

¢ Complexity: Reducing complexity and number of components is also an important trade-off metric
as these can be cause for errors and consequently failures.

Table 3.6 summarizes the performance of these hold-down mechanisms for these trade off criteria.
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Concept Size & Mass Mountability Reliability Complexity

Simple Encasing . . 5

Tie Down ® Small and e Canbe placed on | ¢ High heritage. e High
lightweight custom mapping | ® Easily workmanship
components. on either face of implemented required.

e 1 cable required the PQ. redundancy with
to envelope both | ® No intrusion in multiple burn
arrays. PQ payload resistor circuits.

volume. e TRL 7-9

Eoog‘:an Hold * Small and * Needs custom
lightweight PCB mounts on
components. (£2) faces of the

* Requires at least PQ.

2 per array ¢ No intrusion in
assembly. PQ payload
volume.

;lgti(;ugl;vl\;lsle * Small and * Needs space on * High heritagein | * High
lightweight panels to large arrays. workmanship
components. incorporate ¢ Easily required.

* Requires at least brackets/resis- implemented
one tie-down per tor. redundancy with
assembly. ¢ No intrusion in multiple burn

PQ payload resistor circuits.
volume. e TRL 7-9
;S;l;iRéleecal(S: * High heritagein | ® Simple
larger arrays. attachment to
¢ Includes panels.
redundancy e Low
within the workmanship
mechanism. required.
e TRL9

Table 3.6: Hold-Down Concept Trade Off. Ratings are color-coded as follows: Green indicates optimal performance, Yellow
represents suboptimal performance, and Red signifies unacceptable performance.

The clear winner is a simple encasing tie-down cable that constraints both solar panel assemblies. This
allows for multiple redundant thermal cutting circuits, and is also a reliable and simple option in
comparison to the other designs. Additionally, only 1 cable is required to envelop both/all arrays
on the +y and +x faces, reducing the number of components and consequently points of failures in
the design. While pogo-pin mechanisms are known to have numerous benefits in terms of providing
initial deployment torque and maintaining stroke against the tie-down cable, there aren’t any known
missions using them, significantly haltering the reliability. mechanism are great for testing, as they
can be repeatedly reset (in comparison to burning through tie-down cables), but require large volumes
inside PocketQubes. While an encasing tie-down cable is the best option, an additional deployment
switch/monitor will need to be implemented that is in addition/standalone to the thermal cutting circuit
and this is added complexity to the design. This switch will ensure that the power supplied to the burn
resistor is stopped and prevents overheating. This hold-down option will be used in structural analysis
of the PCB assembly in the upcoming sections.

Possible Electrical Setup
In the functional overview, it was discussed that the information flow is not part of the design scope of
the thesis. However, the main electrical setups and release designs seen in literature will be outlined in
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this section. The overall structure of the electrical design observed in numerous papers is quite similar
and is presented in Figure 3.4.

Deployment Signal
to
isolator/optocoupler

Temperature Sensor
Threshold Reached

Relay/MOSFET/BJT
enables higher
power supply to

resistor

Resistor Burns
through tie-down
cable

Deployment switch
sends signal back to
shut off power to
burn resistor

Figure 3.4: HDRM Electrical Setup

In the reviewed literature, it was essential that the signal and power circuits be isolated to prevent damage
to the MCU pins. Therefore, a relay, optocoupler, MOSFET or BJT is used to provide this isolation and to
drive the high power circuit for the burn resistor. Once a deployment signal is provided, the high power
circuit will be activated and will short the burn resistor, providing the necessary heat dissipation to cut
through the tie-down cable. Relays and optocouplers provide complete isolation between the signal and
high powercircuits, and may be connected in series with MOSFETS or B]T’s to drive the higher power
circuits. Two possible electrical schematics have been developed based on the designs from [34] and [55].

3.3V 3.3v
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(a) Burn Wire circuit with Solid State Relays (b) Burn Wire circuit with Optocoupler and BJT

Figure 3.5: Electrical Schematics for Burn Wire Mechanism

Circuit 1 in figure 3.5a features a simple design where a GPIO pin from the MCU provides the activation
voltage and current to electromagnetically switch on the high power circuit, which is then connected
in series with the burn resistor to the ground. In this circuit however, the only way to detect the status
of deployment and to stop providing power to the burn resistor is through a mechanical/external
switch that reports back to the MCU. Failure of reporting back could lead to the resistor staying on and
dissipating a lot of heat, potentially damaging other electronics and structures on board the PocketQube.

Circuit 2 in figure 3.5b features an optocoupler as a means of providing complete isolation and pogo pins
as a means of circuit cut-off. When the GPIO pin provides a voltage of 3.3V, the Optocoupler provides a
signal to the base of a BJT. This then drives the high current and voltage from the collector to the emitter.
The emitter has a parallel path through the pogo pin and burn resistor, and a shunt/sensing resistor.
When the high power circuit is on, the sensing resistor has barely any voltage drop due to the significantly
low resistance. This allows the majority of power dissipation to happen through the burn resistor. When
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the burn resistor cuts through the tie-down cable, the pogo pin circuit is disconnected. Due to the low
voltage drop across the sensing resistor, the MCU is able to detect the input voltage of 3.3V /0V through a
GPIO to see the status of deployment. This circuit does not require any additional mechanical/external
switch.

While these electrical setups could be further investigated to provide considerations regarding release
times, power supplied, redundancy and various other factors, it is not part of the scope of the thesis.

Tie-Down Cable Selection

There is an abundance of fibers and cables to choose from as the burn wire tie-down cable. However,
they possess different mechanical properties and different characteristics that may impact the release
time, hold-down strength and power required. Table 3.7 provides some of the cables suggested in the
research papers discussed in this literature review:

Tie Down Cable Melting Tensile Tensile Mod- | Density
Point (C) Strength ulus (GPA) | (g/cc)
(GPA)
Dyneema SK78 [56] 150 3.3-3.9 109 - 132 1.3
Nylon 6 Fiber [57] 210 0.58 - 0.61 2.9-9.65 1.14
Vectran HT [58] 330 3.2 75 1.4
Kevlar 49 Fiber [59] 560 3 112 1.44

Table 3.7: Tie-Down Cable Options

These parameters are extremely vital for the design of the release mechanism. A high tensile strength
ensures that the cable can withstand launch loads and can keep the solar arrays in the stowed position. It
is beneficial for the cable to deform as little as possible to not lose its tension and contact with the heating
element, therefore the tensile modulus is also an important parameter. The melting point is important to
indicate the temperatures that one might expect the cable to reach for it the heating element to cleave
through it.

As can be seen, the parameters really vary across the board with the melting point ranging from 150 to
560 °C and the tensile strength ranging from 0.6 GPa up to 3.9 GPa. The density of the cables studied are
relatively constant around 1.3 g/cc which shows that the tensile strength is a good indicator of specific
strength.

The choice of cable is really dependent on mission requirements, power and mass available, and the
subjected launch and deployment loads. As seen in [31], a number of other parameters are important in
picking the right tie-down cable as listed below:

1. Toxicity to surrounding electronics and sensors.
2. Clean cut to prevent lose fibers from endangering components nearby.

3. Good abrasion and residual strength.

Keeping all considerations in mind, Dyneema SK78 is the selection for the design, as its melting point is
considerably lower while it has great tensile strength. It also has high reliability in deployable appendages
for small satellite applications, previously being used for the Delfi Space Program.

3.3.3. Deployment Guide Selection

Previously, a spring loaded deployment mechanism was selected due to its minimal power requirement
and high heritage within small satellite deployable appendages. Having chosen spring-loaded designs,
the deployment guides available are narrowed down to two primary choices: torsion spring hinges and
tape spring hinges. Each offers distinct advantages and disadvantages, with their characteristics and
performance differing significantly in nature. Table 3.8 below discusses provides a small comparison of
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these hinges, summarizing their advantages and disadvantages. This is followed by a concept design for
the hinge in section 3.5, that will further facilitate the design of deployable arrays.

Mechanism Size & Mass Reliability Complexity Locking Torque
Tape Spring . " ., .
Hinge e Transverse radius | ® “Snap-back 4 . LQW part count . Insu.f'flaent
of curvature phenomenon is (simpler design). locking torque
increases size hard to model; ¢ Extensive testing for multiple
(space between requires required due to panels — lower
panels may not experimental highly non-linear natural frequency
suffice). study. [44] deployment. in deployed state.
® Scaling to larger e High heritagein | ® Support structure | ¢ No additional
arrays may antennas and not necessary to locking
require thicker some solar panels support tape structures
and heavy (Unicorn 1, spring needed.
springs. MDQubeSAT-1),
but rarely used
for multi-panel
arrays.
* Repeated testing
can degrade
elasticity.
Torsion Spring . . . ) . )
Hinge e Micro ' * High heritage in e Provides ¢ Large locking
manufacturing PocketQube (PQ) structural torque yields a
enables very deployment (e.g., separation rigid deployed
compact designs. FossaSat-2, between panels. assembly,
- ¢ Final hinge Unicorn 2D). * More parts, increases array
> assembly massis | e Hinge dynamics increasing fundamental
S smaller than that are more potential points frequency.
of long tape predictable and of failure.
springs. easier to ¢ Tedious to
simulate. assemble.
¢ Deadlocking can
prevent
deployment, not
a concern for
tape springs. [60]

Table 3.8: Hinge Comparison. Green represents desirable performance, Yellow represents acceptable performance

Both tape springs and torsion springs provide optimal means of deployment guides for small satellites,
as they are light, reliable, and have heritage on numerous missions. None of the options possess features
that render them unfeasible for incorporation and both options can meet the design requirements set for
deployable solar arrays on 3P PocketQubes. However, torsion spring hinges are the clear winner from
the trade-off. Albeit being more complex than tape springs due to the increased number of components
and requiring a tedious assembly process, these are more suited to multi-panel /large deployable arrays.
Apart from not being utilized for any multi-panel arrays in heritage, tape springs also do not provide
sufficient locking torque in comparison to torsion springs. High locking torque is particularly good for
ensuring a higher fundamental frequency of the deployed arrays, which is particularly good for the
‘control bandwidth’ of ADCS system onboard small satellites. If the resonant frequency of the deployed
structure is below or near this bandwidth, control actuators can inadvertently excite the arrays, causing
uncontrollable oscillations.



3.4. PCB Assembly Design 46

3.4. PCB Assembly Design

PCB Design is an important aspect of designing deployable solar arrays for small satellites. This section
focuses on deriving appropriate dimensions and spacing within the PCB assembly. PCBs” main functions
on small satellites are:

1. Provide structural support to solar cells and maintain their integrity throughout launch.

2. Support wiring connections and routing for power transfer.

There are some existing space companies that provide information regarding the material, applicable
platform, thickness, and temperature range. These are provided in Table 3.9.

Supplier Platform | Substrate Material Thickness | T Range

DMSA EXA 10 FR4-Tg180 1.25/1.50 | -80+ 130

AAC Clyde Space | 3U-12U | FR4w/ Al N/A -40 + 80
Polymide w/

DHYV Tech 3U 1.6 -50 + 125
Kapton coverlay

ISI Space 10-3U Aluminum Substrate | 1.8 -40 + 125

Table 3.9: Solar Array PCB Suppliers [61][62][63][64]

The PCB design process is inspired by the methodology presented in [65], which focuses on the design
of a solar array substrate for a GEO satellite. Although their design is tailored for a much larger, rigid
deployable array, the same approach can be adapted for the rigid arrays used in PocketQubes. This
approach begins by estimating the dimensions and thickness of the solar panel substrates. It then evaluates
material properties through dynamic analysis and thermal assessments, considering the substantial mass
fraction of the substrates relative to the overall deployable arrays. Subsequently, potential layouts and
geometries of the substrates are identified, including the locations of the HDRM and relevant constraints.
Finally, a random vibration analysis is performed to evaluate the performance of these configurations.
Random vibrations determine how the structure behaves under diverse frequencies, and are particularly
critical in driving the design of secondary structures, such as the deployed PCBs supporting the solar cell
assemblies. Sine vibrations are less critical because they occur at lower frequencies, below the expected
natural frequencies of the final PCBs and final structural assembly. As a result, the risk of resonance and
excessive displacement is minimized. Therefore, while sine vibrations are still considered, they do not
have as great an impact on the overall structural design compared to random vibrations.

Figure 3.6 illustrates the variables used to represent the dimensions of the solar arrays in our design that
are ideally obtained at the end of the section:

L,: Length of the solar panel.
Lp: Width of the solar panel.

ty: Thickness of the solar panel.

ts: Spacing between subsequent.
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Figure 3.6: PCB Dimension Variables

A flowchart of this design process is provided in figure 3.7.

Firstly, material for the panel substrate/PCB is evaluated from
existing materials that have flight heritage in the specific use
case of solar arrays. The selection of material for the PCB
is critical due to its significant contribution to the overall
system mass. This high mass sensitivity necessitates careful
consideration of material properties to optimize performance
while minimizing weight. Their structural performance
will be compared by initially assuming fixed dimensions
for L;, Ly, and t, by doing modal analysis for rectangular
flat plates. Consequently, a random vibration profile will
be applied to understand the deformation of these plates
with the assumed parameters, to identify whether additional
constraints are required in the assembly. Finally, a material
will be chosen based on the desired structural response and
thermal considerations for the PCB to support the design.

Following the material selection, a PCB layout is developed
with the overall dimensions to incorporate the solar cells,
hinges, and tie-down cable. This layout is essential to
determine the available space for the said components and
consequently to determine the constraints and model for
the vibrational analysis that will help determine the final
dimensions for the stowed assembly, particularly the thickness
of the panels and spacing in between them.

The thickness, spacing, and width of the panels within the
stowed assembly are determined through vibrational analy-
sis. Options will be developed to fit within the 10.5mm with
available thicknesses of PCBs online. Based on the vibrational
response, an option is selected that is able to incorporate the
most number of panels with deformations and stresses that
prevent the solar cells and panels from being damaged during
launch. Based on the thickness and spacing, the maximum
diameter of the hinge is determined, which directly drives the
width of the panels since these hinges are situated in the +Y.

3.4.1. Material Selection

1. PCB Material Selection

Assume Thickness
and Dimension

Evaluate Existing
Materials

¥

Modal Analysis to Random Vibration
Gauge Structural —% Analysis to Gauge
Response Deformations

¥

Thermal

- i = Select Material
Considerafions

2. Determine PCB Layout

Solar Cell, Hinge,
and Tie-down
Layout

Defermine Folded

Configuration —

3. PCB Thickness & Spacing Analysis

Determine Options
For Thickness and —3
Spacing

Modal Analysis

Ewvaluate Option w/
—»Accepiable Stress &
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¥

Random Vibration
Analysis

¥
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Figure 3.7: PCB Assembly Design Process

Selecting the material for the PCB substrate is a vital part of the PCB design. There are a variety of factors
that can affect the choice of a substrate material, many of which are provided at [66].

1. Thermal Conductivity: Determines the ability to dissipate heat generated by electronic components
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during operation. Higher thermal conductivity is great to have uniform heat distribution and
to prevent hot spots throughout the mission. Aluminum or copper PCBs provide great thermal
conductivity.

2. Coefficient of Thermal Expansion: A low coefficient of thermal expansion is preferable as
deformation/expansion on the array may damage the cells and lead to mission failure.

3. Strength-to-Mass: Having a high strength to mass ratio is preferred minimize the mass of the
PCBs.

4. Flexural Rigidity: Elastic properties correlate highly to the deformation in and out of the plane
during launch. A high flexural rigidity is preferred to prevent damaging the solar cells. A
balance between elasticity and rigidity is crucial to minimize stress on the PCBs; they should be
flexible enough to withstand vibrations and shocks without becoming brittle and breaking under
mechanical excitation.

5. Outgassing: Wave soldering defects can cause cavities or blowholes that have the potential to
impair the PCB performance. Composites such as polymide and PTFE (teflon) have little to none
outgassing.

6. Glass Transition Temperature: High Tg is necessary to maintain mechanical and electrical
properties at elevated /extreme temperatures. Ceramic-based substrates such as alumina and
aluminum nitride provide good solutions for high Tg materials. High Tg FR4 has also been
developed.

A key aspect of choosing between materials is also the type of structure desired for the solar arrays.
Typically, solar array substrates can be rigid or flexible panels.

Type Description Advantages and Disadvantages

Rigid Rigid Panels typically consist of | Advantages:

crystalline cells that are mounted | ¢ Cells typically feature higher efficiencies
onto a solid substrate, usually and more power generation.

made of aluminum or glass. This | ® Stiffer designs with high natural frequen-

solid substrate takes up large vol- cies. .
ume and typically requires com- | ° Deployment mechanism usually smaller

. 3 : (tiny hinges).
pice)Xalfa(iledslcr)ll% t?jizml?ﬁfsafrzruilel— e Durability against meteoroidal impacts.
ploy - ey Disadvantages:

ally hinged together or wrapped
around the outside of the satellite
[67].

¢ High volume and mass.
¢ Typically high cost of crystalline cells.

Flexible

These typically consist of thin-
film cells, such as amorphous
silicon, cadmium telluride, or
copper indium gallium selenide
(CIGS). They are usually roll up
or extendable boom structures.

Advantages:

¢ Lightweight and flexible substrate.
* Accommodates complex shapes and modu-

lar designs.
Disadvantages:

* Generally lower efficiency.
¢ Less resistant to harsh space environment

and impacts.
e Complex deployment mechanisms like

booms that are hard to accommodate in

small satellites.
* Attitude control system needs to accommo-

date low natural frequencies of deployed
arrays as oscillations have minimal environ-
mental dampening.

Table 3.10: Comparison of Rigid and Flexible Solar Panels for Spacecraft
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Dynamic Response and Vibrations

This section begins with hand calculations for a simply supported plate to establish baseline natural
frequency and deflection. Subsequently, an ANSYS response analysis is conducted for a plate with
clamped corners under the GEVS profile, providing detailed insights into deflection and stress distribution.

The selected materials, listed in Table A.2 with their mass, density, Young’s modulus, and Poisson’s ratios,
are sourced from various academic papers and the EuroCircuits materials page, a trusted European
PCB manufacturer [68, 69]. Materials highlighted in yellow are readily available from Euro-Circuits,
enhancing their likelihood of integration due to their reliability and prior use in the Delfi space program.

Flexural rigidity and natural frequency for simply supported rectangular plates are evaluated using a
fixed plate thickness of 1.25 mm, length of 178 mm, and width of 50 mm. Although the thickness remains
constant in this analysis, it will be varied in section 3.4.3 to identify the optimal value that minimizes
stresses and deformations while accommodating four panels within the 10.5 mm appendage volume.

Table A.3 provides the results based on equations provided at [70] for thin rectangular plates. Figure 3.8
visualizes these results.

Natural Frequency of Simply Supported Rectangular Plate
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Figure 3.8: Natural Frequency of Simply Supported Rectangular Plate

The scatter plot shows the relationship between the mass and natural frequency of various materials
used for a simply supported rectangular plate. Generally, materials with lower mass, such as Kapton HN
(35.97 g) and RO4003C (95.12 g), exhibit lower natural frequencies, while materials with higher mass, like
Al203 96% (232.18 Hz) and BeO 99.5% (290.45 Hz), display higher natural frequencies. This indicates
that materials with higher density and stiffness tend to have greater natural frequencies, making them
less prone to deformation under vibrational loads. The clustering of materials around similar frequencies
(e.g., 15400, FR406N, and 370HR) suggests comparable dynamic behaviors.

To gain a more accurate understanding of the PCB’s dynamic response during launch, analysis will be
done using ANSYS modal and random vibration tools. The corners of the plate are clamped to represent
the studs/hinges typically used to secure the folded panels and provide separation between them. A
random vibration profile based on the General Environmental Verification Standard (GEVS) will be
applied, providing a more representative model of the launch loads. This will be further explained in
3.4.3. The GEVS vibration profile is provided in A.7.
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Mode 1 (Hz) Deflection
(95.45%) (mm)

Al203 96% | 232.16 0.648
AIN 261.05 0.547
BeO 99.5% | 287.26 0.474
VT-5a2 86.031 2.87

1S400 96.72 2413
370HR 97.427 2.384
FR406N 96.889 2.406
RO4003C 86.611 2.89

RO4835 52.621 6.066
Kapton HN | 34.625 7.877
Isola P95 114.05 1.884

Table 3.11: Natural Frequency and Deformation Under Random
Vibration Loads

Figure 3.9: Mode Shapes 1, 2, 3

What can be identified from looking at the first three eigenfrequencies of the modal analysis with fixed
corners, is that there are large resonances occurring in the center of the panel and this area is most likely
to deform or be subject to oscillations. The modal analysis also yielded values close to the ones predicted
from the analytical solutions. Although ceramic-based PCBs exhibit minimal deformation, the materials
available from EuroCircuits undergo relatively large deformations exceeding 2.0 mm. These significant
deformations can cause the stowed panels to collide with the inner walls of the deployer or with adjacent
panels, potentially damaging the solar cells. Consequently, it is essential to secure the panels using
tie-down cables or to incorporate spacers to prevent such collisions.

Thermal Considerations

As mentioned earlier, it is critical to evaluate the thermal properties of substrate materials to see if they
could withstand the temperature extremes experienced in LEO. Given eclipsed or non-eclipsed orbits,
certain materials could be more favorable. Section A.2 in the appendix provides the data. Thermal
Conductivity and coefficient of thermal expansion can have orthrotropic data and values in X,Y,Z are
inserted where available. Otherwise, the default value is in the long dimension.

When comparing different materials based on their Glass Transition Temperature (Tg), Coefficient of
Thermal Expansion (CTE), and Thermal Conductivity (TC), ceramics like Aluminum Nitride (AIN) and
Beryllium Oxide (BeO) offer significant advantages. AIN has a high Tg of 1726°C, making it ideal for
applications that require stability at extreme temperatures. It also has a low CTE (5.6 ppm/°C), which
minimizes thermal stresses, useful for protecting electrical components and the solar cells. The TC of
ceramics is significantly higher than , which aids in efficient heat dissipation, although it may come at a
cost in terms of weight and cost, which can be significant.

On the other hand, Mid-Tg and High-Tg FR4 materials, such as IS400 or FR406N, offer a balance between
thermal performance and cost-effectiveness. With Tg values around 150°C to 180°C, these materials are
lighter and well-suited for moderate temperature ranges typical experienced in LEO. However, their
CTE values, such as IS400’s 0.36 ppm/°C, indicate a higher propensity for thermal expansion compared
to ceramics, which may introduce mechanical stresses. Additionally, the thermal conductivity of FR4
materials is relatively low (e.g., 15400 at 0.183 W/m:-K), making them less suitable for applications
where rapid heat dissipation is critical. This makes ceramics like AIN superior for high-temperature
and high-thermal-conductivity applications, while FR4 materials remain a cost-effective choice for less
demanding thermal environments.

Chosen Material

Although Isola 370HR exhibits lower natural frequency and greater deflection compared to ceramic-based
PCBs, it offers significantly superior thermal performance and reduced mass. Additionally, this material
is readily available from EuroCircuits, a trusted European supplier, and outperforms traditional FR-4
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materials with its high glass transition temperature (Tg), low coefficient of thermal expansion (CTE),
and excellent thermal conductivity. Given these advantages, and its comparable mass and cost to other
fiberglass-reinforced epoxy laminates, Isola 370HR is the chosen material for the design. However,
other fiberglass-reinforced epoxy laminates remain viable options, and a more detailed thermal analysis,
beyond the scope of this design, could further refine the material selection process.

3.4.2. PCB Layout

This section will evaluate the PCB layout, starting with the folding configuration of the panels in their
stowed assembly and assessing the dimensioning of the PCB with respect to the cells, hinges, and
tie-down cable.

Folded/Stowed Configuration

Folding deployable panels can be done in numerous ways, similar to brochures. Just like brochures have
many folded configurations, rigid panels can also be stored in multiple ways to reduce their aperture to
the size of a singular face on the PocketQube. However, two of these are most popular, as seen in [71]
and those are z-folds and tri/roll-folds. These are both presented in Table 3.12 alongside the relevant
missions and their advantages and disadvantages.

Schematics of Options Considerations

This is the most commonly used folding technique
for rigid panels in deployable solar arrays. Solutions
known to using this arrangement are Nanosatellites
o5 O M12P, EnduroSat 3U deployable array and AAC
Clyde Space’s Photon arrays. This features many
advantages. Since no panels fold in on themselves,
the hinge designs can be identical for all panels. Fur-
thermore, due to a 1 degree or freedom deployment
(in the ideal scenario), there is no jamming as the
panels do not intersect during deployment.

ZFold

. . However, using z-folded panels in a 2 or 4 panel
options provides a limitation on where the solar cells
are facing post deployment. Due to RQ-FN-05, there
have to be solar cells facing outward in the stowed
configuration. This limits the deployed configuration

“‘ of cells to be facing towards the PQ body as displayed
\\‘ in the figure below or the inclusion of 2 additional

cells. The first option reduces the power generated
as the PQ body provides a larger shadow on the
cells throughout the orbit if they aren’t sun-pointing,
and the latter increases the total cost of the assembly.
Additionally, cells on adjacent panels can be facing
each other in the stowed, potentially damaging them
due to vibrations.

Option 1: Z-folded Panels
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This folded configuration features multiple folds
in on themselves in a roll formation. This is also
similar to tri-folds where there is a central panel
T [y onto which panels from either side fold inwards.
~ In this configuration, RQ-FN-05 is satisfied even
with the solar cells facing away from the PQ body,
leading to greater power generation. However, there
N are a number of issues associated with this option.
~J ™ y There are multiple DOFs during deployment, causing
' ' possible jamming or interaction of panels within
themselves. Furthermore, due to the panels folding
inwards, the folds cannot be identical, leading to
more complex designs. The hinges also cannot be
identical, as the hinge gap changes.

)

Option 2: Roll-folded Panels

Table 3.12: Folded Deployable Panel Configurations

Due to the large added complexity and increased number of different parts needed for roll-folded panels,
z-folded panels are chosen for the design. Despite the slight reduction in power generation due to the
deployed positioning of solar cells, it is vital to reduce the number of different parts to minimize analysis
and testing of them. Furthermore, jamming or interaction of panels is also prevented in z-folds, leading to
a much more reliable design. Due to the large shadow imposed by the current folding configuration, the
last panel will feature cell assemblies on either side of the 2-layer PCBs to meet requirement RQ-FN-05.

Solar Cell, Hinge and Tie-down Layout

Given that the pocketqube size is 3P, the maximum dimensions available for the PCB are 178mm * 50mm.
As previously mentioned in 2, for the upcoming TU Delft PocketQube missions, Azur Space’s 3G30CA
have been procured with the dimensions 80mm x 40mm [19]. Given the overall dimensions of the PCB,
figure 3.10 and figure 3.11 demonstrate the two ways that that could incorporate possible hinges, solar
cells, and tie-down cable to secure the panels.

Tentative Tie-Down
Hinge Cable

Figure 3.10: PCB Layout 1
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Figure 3.11: PCB layout 2

Even though it is possible to incorporate more than 2 hinges per side, none of the existing designs
launched or studied in academic papers featured more. This is mostly due to the lack of space available
and the increased number of components. While incorporating 3-4 hinges per side would provide
added stability, the limited space would result in smaller structures, leading to added complexity in
manufacturing.

While both of these options satisfy the dimensions available for the PCB, they offer different functionality
to the overall design. Option 1 features one hinge located centrally between the two solar cells per long
edge. This would enable a much larger hinge to be incorporated, and the possibility of including COTS
hinges such as EXA’s hinge Nano [39], which features overall length of 15mm. However, this reduces the
structural integrity of the structure as either ends of the panels are not joined mechanically to adjacent
panels. This would cause greater deformations due to the vibrations experienced during flight. Option 2
features two smaller hinges (8mm length maximum) located on either ends of the long edge, mechanically
joining the ends of the panels and leading to increased torsional stability of the panels. Both options
feature a tie-down cable through the middle to constrain the panels in their hold down configuration, as
chosen in 3.6. Layout 2 will be chosen to proceed with the thickness and spacing analysis of the PCB
assembly to find the number of panels, thickness of panels, and spacing between the panels that will
withstand the major vibrational loads experienced during flight.

3.4.3. PCB Thickness and Spacing Analysis

In the final assembly of the stowed solar panels, their volume envelope limits the thickness and spacing
between the panels. The combined thickness of the panels and the spacing between them shall not
exceed 10.5mm as given in the requirements and provided by AlbaOrbital [9]. In this section, Dynamic
analysis will be required to assess the different thicknesses and spacings to see which options provide
deformations and stresses that are lower than the expected values. In Figure 3.12, the overall assembly
structure is portrayed with 4 panels.

In figure 3.12, a cross-section view of the space between the PocketQube Wall and the Deployer wall is
shown for a 4 panel assembly. As can be seen, the thickness of the panels is represented by ¢, and the
spacing between the panels is represented by ¢;. A combination of these has to be less than 10.5mm as
the equation represents for simplicity. In theory, all of the spaces in between panels and the pocketqube
bus and deployer could be different, making the complexity of the design and analysis much greater.
Therefore, the required spacing between the PocketQube wall and the first PCB, and consequently
between the PCBs, is set to f; while the space between the final PCB and the deployer wall is set to 1/2 * t;.
This is because the maximum allowed deflection due to vibrations of the PCBs is limited to 1/2 + t; as any
more than this would cause neighboring PCBs to collide and damage the solar cells.

As realized in the fixed corner analysis of rectangular shell in the material selection section 3.4.1, large
deformations occur either in the center or the edges of the of the panels. This shows the need for
spacers/standoffs to separate the panels and reduce this deformation. These spacers are shown in the
image and will match the separation used in the analysis. The spacers used for these separations are
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Figure 3.12: PCB Stowed Assembly Schematic

"SMT Spacers’ provided by Wurth Elektronics. See Figure 3.13 and Table 3.13. SMT spacers allow for easy
installation While it is beneficial to chose COTS spacers due to the lower cost and available documentation
regarding the solder mask, etc, one cannot outlook the ease of manufacturability for such a component.
Mentioned on the website, these fasteners mount on PCBs in the same manner and at the same time as
other surface mount components prior to the automated reflow solder process. The fasteners simply
become another board component.

e | Attribute Value
Supplier Wurth Elektronik

Model WA-SMSI SMT-M1.6
Separation Length | 1.5
(mm)

Hole Diameter (mm) | 2.1
Min Board Thick-| 0.7

Solder Pad

Mon plated
through hole ness (mm)
Land Pattern Diame- | 4
ter (mm)
Material Steel
Solderable Yes

Figure 3.13: Wurth Elektronik WA-SMSI SMT-M1.6 Table 3.13: WA-SMST SMT-ML.6 Specification [72]

(72]
Eurocircuits is a trusted PCB supplier in Europe and they provide various options for PCB with the ability
to select the number of layers, thickness, base material, color of solder masks, legends, surface finish and
many other parameters. While most of these are out of scope of this project, the parameters in Table 3.15
have been chosen to meet the minimum requirements of deployable solar panels. Consequently, the
price of different thickness and order quantity is shown in Table 3.14.
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Parameter Value
Thickness (mm) Quantity 8 Quantity 16

Number of Layers 2 (double-sided)
0.80 666.96 672.32

PCB Size (mm) 174.00 x 50.00
1.00 322.16 366.40

Base Material IS370HR
1.20 666.96 672.32

Material Tg 170-180°C
1.55 262.80 327.20

Outer Layer Copper 18 um

Table 3.14: Price (€) for 7 Day Lead Time [68]
Table 3.15: PCB Specifications

As clearly evident, the pool-able options are with thicknesses of 1.00 mm and 1.55 mm. This means that
they are manufactured (or cut) from larger sheets accommodating multiple orders. This is not the case
for the other two thicknesses available, drastically impacting the cost of the panels. While the difference
in the cost is large, they are all relatively affordable for small satellite projects, in comparison to other
subsystems.

Using the equation below, different thicknesses and spacings can be analyzed and simulated in ANSYS
to see the structural response. A sample of these combinations is provided in Table 3.16. Due to the aim
of incorporating 4 panels for this particular design, spacer separation was reduced from the assumed 1.5
mm (due to the available COTS spacers) to 1.4 for option 2, to have an option available with 1.00 mm
thick PCBs as these are provided with pool-able options. There are no viable options for 4 panels with
thicknesses > 1.00 mm as these would exceed the 10.5 mm envelope available with minimal spacing in
between.

Ty < (np +0.5) * ts + np + t, < 10.5mm

Option| Number of | Thickness| Panel Sep- | Total Width | Clearance to | Total Mass
Panels 1, t, (mm) aration ft; | T, (mm) Wall (mm) of Panels (g)
(mm)
1 4 0.80 1.50 9.95 1.3 52.9728
2 4 1.00 1.40 10.3 0.9 66.216
3 3 1.20 1.50 8.85 24 59.5944
4 3 1.00 1.50 8.25 3 49.662

Table 3.16: Sample of Thickness and Spacing Combinations Analysed in ANSYS

If the deformation between consequent panels were to exceed 1/2 * t,, that would mean that the panels
could potentially collide with each other or the deployer wall, causing permanent damage to the solar
cells and jeopardizing the mission.

Model Generation

In order to find the thickness and separation combination that adheres to the requirement mentioned
above, a representative model of the panel assembly is developed in Ansys with the options mentioned
in Table 3.16. This model can be seen in Figure 3.14 alongside the constraints that are relevant to
the analysis. The model adopts a 3D mesh approach, ensuring that all structural and load-bearing
components are represented with their primary contributing dimensions accurately captured. This
philosophy prioritizes precision by considering the critical geometrical and material properties that
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influence the overall structural behavior. A list of the key considerations in this model are provided
below:

(a) Constraint B (b) Constraint A

Figure 3.14: 3D Model for Structural Analysis

¢ Hinges are modeled as flat plates according to the Z-folded configuration chosen earlier, and are
used to separate the panels on the short edges.

* Hinges connecting the closest panel to the PocketQube body are chosen as fixed supports. This is
shown as constraint "A" and are the first two hinges at the bottom of the model.

* To replicate the tie-down cable option selected in the Hold-Down section 3.6, a displacement
constraint is used along the middle of the outermost panel to constrain the movement out of the
plane. This is shown as constraint "B".

* Mesh was generated using "Edge sizing” with 2mm elements defined along the edges of the panels.
Additional mesh parameters were defined to increase resolution around cutout elements and
adapting sizing was also used to increase the resolution for separation elements (hinges, spacers).
Opverall resolution was set to '5’.

Modal Analysis

Firstly a modal analysis was done in order to understand the natural frequency of the system and the
mode shape, indicating where structure is likely to deform and what the response is like. An image of the
first 1st mode shape is provided in Figure 3.15. The other mode shapes are available in appendix A.2.1

Figure 3.15: Modal Analysis of Panel Assembly

The mode shape illustrates that the outermost panels are most susceptible to deformation, particularly at
either ends of the long edges, which experience the highest displacement under oscillation. The central
region of the panels remains relatively stiff and experiences minimal deformation, likely due to the
reinforcement provided by the tie-down cable or constraint ‘B.” This is a consistent pattern across all
thickness and spacing combinations and suggests that the outer edges of the panels are the primary areas
of concern for managing vibrations.
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A worst case scenario is considered for the minimal natural frequency of the panel assembly. Essentially,
the oscillations are transferred to the PocketQube via the backplate. Since the panels are mounted
on the outer surface of the PocketQube body, the worst case assumption is that these oscillations are
also transferred directly to the panel assembly, without any dampening. This means that the natural
frequency of the structure must be greater than 100Hz to pass the structural requirement for small
satellites. All combinations of thicknesses and separations have a higher natural frequency, and are
therefore considered stiff enough.

Random Vibration Analysis

Random Vibrations refer to unpredictable and non-repetitive oscillations caused by a multitude of
outputs. They do not have a predictable sinusoidal impact but are generally characterized by statistical
representation such as PSD. Section 2.7 introduces random vibration analysis and delves into the GEVS
profile that is used for the random analysis. The deformation and stress concentrations observed for
option 2 from 3.16 are shown in Figures 3.16 and 3.17.

11/12/2024 17:30 Ph

0.64496 Max
05733
0.50164
042993
035831
0.28665
0.21499
014333
0.071663

0 Min

Figure 3.16: Panel assembly deformation

35.367 Max
31437
27.508
23.578
19.643
15,72

1.79
7.8606
3.9312
0.0017028 Min

Figure 3.17: Panel assembly Von-mises stresses

These figures present the deformations and stresses resulting in the chosen combination that passes the
requirement mentioned earlier, where the maximum deformation is less than half the spacing between
consequent panels. The results of the analysis are summarized in Table 3.17.
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Option Number of | Thickness Panel Separa- | Max Von Mises
Panels (mm) tion (mm) Deformation-z | Stresses 20,
(20, mm) MPa)
1 4 0.80 1.50 0.89907
2 4 1.00 1.4 0.64496 35.367
3 3 1.20 1.50 0.44092 19.6878
4 3 1.00 1.50 0.62941 29.102

Table 3.17: Comparison of Panel Configurations with Deformation and Stress Metrics

Apart from option 1 with 0.8 mm panels, all other options pass the criteria for maximum deformation,
and can be used in a multi-panel assembly. The margin of safety is calculated as specified in the ECSS
Mechanisms Handbook. The Design Allowable Load is the maximum load the structure can withstand,
while the Factor Of Safety (FOS) accounts for uncertainties within the model. A conservative FOS of 1.4
was chosen due to the simplifications in the model.

design allowable load
design limit load x FOS

MarginOfSafety(MOS) = (3.1)

Based on the analysis, the design that maximizes the number of panels and still meets the criteria for
avoiding contact between consequent panels is option 2, with 4 panels of 1.00 mm thickness and 1.4 mm
spacing in between consequent panels. A noticeable trend is that while decreasing the PCB thickness
does allow for greater separation between consequent panels, the deformation increases exponentially,
making it infeasible to incorporate thinner PCBs in the assembly.

Option Von Mises Stresses (MPa) Factor of Safety Yield Strength (MPa) Margin of Safety

2 35.37 1.4 385 6.78

Table 3.18: Summary of Von Mises Stresses, Factor of Safety, Yield Strength, and Margin of Safety for each Option.

Determining L

Based on the chosen option, parameter L, (width of PCB) needs to be adjusted to match the available
envelope for the solar array assembly. This is directly driven by the choice of torsion spring hinges, the
maximum diameter of the spring that can be incorporated, and the available envelope in +Y

As seen in figure 3.18, the maximum length available in the AlbaPOD ICD to incorporate the solar arrays
is 54.5 mm. This includes the overall length of the panels and the hinges on either side of the panels. The
maximum diameter D,max of the spring (and consequently the hinges) can be visualized in figure 3.19,
driven directly by the previous thickness and spacing analysis of the pcb assembly.

D, < 2t; +2¢,

This yields that a conservative value of 4.8 mm can be chosen for the maximum diameter of the spring.
Utilizing this relationship, the maximum value for L; can be obtained by the following relationship:

Ly +2%D,max < 54.5mm

The maximum value of L, = 44.9 mm. Having obtained this new length, the random vibration analysis
needs to be conducted again to see whether deformations are still under specified requirements to prevent
the collision of consecutive panels.
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Figure 3.18: Solar Panel Envelope Figure 3.19: Minimum and Maximum Spring Diameter

Modal analysis and Random Vibration analysis were consequently done with the adjusted panel
dimensions of 178 mm * 44.9 mm. The maximum deformation observed was 0.544 mm and the maximum
stress was 22.22 MPa at a 2 ¢ scale factor. These results fit the criteria described earlier. The final
specifications and results for the PCB assembly from this section are provided in table 3.19.

Parameter Value
Length L, 178 mm
Width L 449 mm
Spacing t; 1.4 mm

Thickness t;, 1.00 mm

Mass per Panel 14.86 g

Table 3.19: Table of Parameters and Values

3.5. Hinge Design

3.5.1. Torsion Spring Selection

The result of the trade-off in section 3.3.3 yielded that torsion spring hinges are the most appropriate to
support the deployment mechanism design. In order to design the hinge, a torsion spring needs to be
selected initially. This will allow us to design a structure to support the spring and interface between
panels and the PocketQube body.

A comprehensive guide to spring design is provided by Associated Spring [73] and a lot of key parameters
and considerations are provided regarding torsion springs, most of which are summarized in the list
below.

¢ Available in single or double bodied options.
¢ Stressed in bending.

¢ Should always be loaded in a direction that causes body diameter to decrease. This is because
residual forming stresses are favorable in this direction.
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¢ Clearance must be maintained between tube at all times to prevent binding. Ideal shaft size is <
90% of the internal diameter when the spring is fully deflected.

e Spring index C = D/d is recommended to be 4-12. Low spring index can result in high stiffness and
compact solutions with the cost of high internal stresses. High spring index gives one the opposite.

* Avoid special/bent ends to minimize stress and failure of torsion springs.

Materials
Torsion springs are usually available in 2 materials, properties of which are provided in table 3.20.

Property Music Wire S$S304
Type High Carbon Steel Stainless Steel
Density (kg/m?®) 7750 8027
Tensile Strength (MPa) 1585 - 2751 896.3 - 2241
Modulus of Elasticity
(GPa) 206.8 193
I\:Iaximum Temperature 1211 287 8
O
Highly magnetic, generally great V(\;,izel:ﬁ };?:llt ﬁs:s:;isg;?g
Description fatigue life due to high tensile , SUENLY Mag

mostly used in marine

strength applications

Table 3.20: Comparison of Properties for Music Wire and AISI 304 [74]

What is noticeable is that music wire will tend to have a higher spring rate, and provide slightly greater
torque in comparison to the stainless steel alternatives. This is mainly due to the high longitudinal
modulus of elasticity as seen in the equations provided. However, it is also highly magnetic, which
may interfere with the magnetometers and attitude control sensors on board. For less magnetic, high
temperature resistant options, stainless steel is usually the material preferred. While these have low
tensile strength, it is not a critical factor due to the single use application.

For this design, Stainless Steel spring options will be evaluated as the this is the preferred material
due to its high temperature stability, and heritage use in corrosion prone circumstances such as marine
applications.

Torsion Spring Equations

As discussed earlier, a torsion spring is a mechanical spring that works by exerting torque when it
is twisted along its axis. The spring is typically made of high carbon steel, stainless steel, or other
non-ferrous metals such as bronze and copper.

The torque of a linear torsion spring can be calculated by the following equation [75]:

T = k6 (3.2)

Where:
¢ T = torque of a torsion spring [N-mm]
* k = torsional spring constant [N-mm /rad]
* 0 =angular deflection of the torsion spring [rad]

The torsional spring constant, also known as the torsional spring rate, is an indication of the spring’s
stiffness or resistance to twisting and rotation. This determines the amount of torque needed to achieve a
given angular deflection, or in our case, the amount of torque generated by pretensioning the spring
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to a given angular deflection. As can be seen in the equation above, the spring constant is directly
proportional to the torque generated and is therefore a crucial parameter. The spring constant can be
calculated by the following equation:

_ d'E
" 64DN,

k (3.3)

Where E is the longitudinal elastic modulus of the spring material [N/mm?], d is the wire diameter
[mm], D = mean coil diameter [mm], and N, = number of active turns in the spring [unitless]

Finding the right spring or developing the right custom spring for the deployment mechanism is a
challenging task due to the following reasons:

1. Spring has to fit in a small volumetric envelope and therefore cannot have extremely large coil
diameters or a large number of coils.

2. The angular rate of deployment should be limited to reduce the impact shock at the end of
deployment.

3. Spring has to maintain torque at the end of deployment to insure final blocking.

The stress of a round wire torsion spring can be calculated by the following formula:

32T

K is a unitless parameter that aims to correct geomtric deviations in the wire during deflection that
causes the neutral axis to shift towards the center of curvature. Therefore, the inner surface of the spring
experiences higher stresses than the outer surface. The parameter can be calculated by the following
equations where C is the spring index (D/d):

4C?-C-1
Ki_—4c(c_1) (3.5)
K_4c2+C—1 (3.6)
7 4C(C+1) ’

One can calculate the impact velocity for the impact moment of deployment by looking at the angular
kinetic energy equation [76]:

1
Eotational = EI(‘)Z (37)

As outlined in the paper, the work done (energy) by the torsion spring can be represented as the following:

61
E= / T(6)d6; (3.8)
6o
9] 1
E= / k(6 — 6p)d6 = Ek(@l - 60)% (3.9)
6o

The moment of inertia can be estimated as the following for a rectangular plate (solar panel) when the
axis of rotation is parallel to the short edge of the plate:

2
I= % (3.10)

Where m = mass of the panel and b = Length of the Short edge of the panel (m)
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By using the angular kinetic energy equation, the angular velocity for the impact moment can be
calculated by the following relation:

1 _
. J 2 (4k(01 ~ 6oP) -

mb2
3

By calculating the spring force required and the maximum impact moment possible due to the induced
shocks, one can start designing the torsion spring needed in the torsion spring hinge for such a deployment
mechanism.

Spring Selection

From the panel assembly chosen and designed, there are multiple constraints that can be derived that
limit the scope of available options for torsion springs in the market. Ideally, due to high manufacturing
complexity, only COTS springs will be evaluated for the design. Many of these can be found at two
trusted spring manufacturers, Tevema and Lee Springs and therefore their catalog will be studied.

Seen in Figure 3.20, the spring locations are identified. Tevema and Lee springs, like most manufacturers,
provide set free positions of the springs and these are shown in Figure 3.21. Based on these, Table 3.21
summarizes the stowed angular separation, angular displacement, and the recommended free positions.

Spring | Stowed | Angular | Recommended

ID Position | Deflec- Free Position
©) tion (°) ©)

Sl 90 90 180

Si2 0 180

S:3 0 180 210, 270

5S4 0 180

Table 3.21: Spring free positions and deflections

A key consideration here is that it is crucial to maintain residual torque in the latched position, as minimal
environmental damping is available in space to reduce oscillations. Without this residual torque, the
panels may not lock securely, leaving them susceptible to oscillations when the spacecraft rotates or
experiences other dynamic conditions. If the springs lose stiffness due to thermal effects, this would
also make the panels subject to uncontrollable oscillations. Therefore, the free position of the springs is
recommended to be beyond the final angular separation of the spring legs.

Syt s@3

m

A

[\ O

si2 S¢t

Figure 3.20: Spring Locations Figure 3.21: Spring Free Positions

From the panel assembly, the outer diameter of the spring is limited as shown in Figure 3.22. This concept
maximizes the diameter of the spring by utilizing the outer surface of the panels to mount on. Otherwise,
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the panel separation width identified of 1.25mm would be required for the maximum outer diameter for
the spring, largely limiting available options.
This results in:

D; > ts +2t, > 3.40mm

While this is the minimum internal diameter of the spring between consequent panels, the maximum
outer diameter is limited by the distance to the next spring as seen in 3.4.3. This results in:

D, < 2t; +2t, < 4.80mm

This will allow 2 springs to be placed next to each other in the stowed configuration without making
contact. Based on these requirements, there were a handful of helical torsion springs that fit the criteria,
specifically from the more comprehensive catalog of Lee Springs. This springs all have varying levels of
torque when deflected to the angular positions as mentioned in 3.21. All the torque values have been
calculated using the equations above.

il

Figure 3.22: Spring Position Concept Figure 3.23: Dimension Limitations

Possible Spring
Leg Locations
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The preferred spring out of the ones identified is LTR012A 05 SS and the characteristics for it are provided
in table 3.22. This spring deemed most suitable as it has a compact body length of 2.18 mm, and the
impact velocity is also the least, as shown in table 3.25.

Table 3.22: LTR012A Specifications

Outside Diameter (mm): 434

Wire Diameter (mm): 0.3

Max Torque (N-mm): 5.3103
Deflection to Max Torque: | 270.00
Radius (mm): 6.35

Free Position of Ends: 270

Length of Leg (mm): 12.7

Body Length (mm): 2.18

Total Coils: 5.75
Material: Stainless Steel

3.5.2. Hinge Assembly

Asnoted in the hinge trade-off analysis, torsion springs require additional housing/encasing to structurally
support their contact between the different appendages and to support the internal diameter of the
spring with a shaft. This subsection will delve into developing a concept for such a hinge structure, that
facilitates the springs and also provides final blocking/latching, as specified in the requirements of the
hinge. Certain design constraints are posed by previous sections that are contribute to the design of the
hinge. These are as following;:
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Table 3.23: Hinge Design Constraints

Description Value Source

Minimum shaft diameter: Calculated by the relationship obtained | < 3.20 mm Torsion Spring
from the Associated Spring guide. The interior diameter for the
spring is 4.04 mm, reduced to 3.56 mm under deflection (coiling).
To provide clearance, the diameter should be less than this value.

Minimum Width for Torsion Spring Body Length: Based on the | > 2.025 mm Torsion Spring
preferred spring (LTR/LTL 012A), this is 2.025 mm.

Hinge Mounting Plate Thickness: Limited by the clearance between | 0.70 mm PCB Assembly
subsequent panels, calculated as 1.40 mm. Therefore, the hinge plate Design

thickness is half this value.

Hinge structures should prevent jamming due to thermal expansion | - -
and manufacturing tolerances.

The design should be manufacturable using precise CNC machining, | - ISO 2786
limited to ISO 2786 fine guidelines. This is essential to be able to
manufacture in house, or to procure from numerous suppliers in the
market, such as PCBWay, ProtoLabs, etc.

Based on these considerations and design specifications, three hinge assemblies were developed to
facilitate the attachment of panels and the PocketQube body. These assemblies focus on minimizing the
type and number of separate parts that need to be manufactured.

M1.0 Flat
Head Screw

"

Hinge Male

.

\

Hinge
Female

\ Shoulder

Screw

Figure 3.24: HP2P: Hinge Panel To Panel

This hinge (HP2P) is designed to interface between consequent panels. The hinge assembly features 4
parts: Hinge Female, Hinge Male, Shoulder Screw and Lock Nut. The male and female hinge bodies also
provide a structure for locking at final deployed position.
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Figure 3.25: HP2PQ1: Hinge Panel To PQ 1

— Lock Nut
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Figure 3.26: HP2PQ2: Hinge Panel To PQ 2

These two hinges, HP2PQ1 and HP2PQ)2, are assemblies that mount the solar arrays to the PocketQube
body. They consist of an additional 2 bodies, the male and female brackets. The brackets are mounted on

the +Y face of the PocketQube, at either end of the long edge. All the individual parts used in these
assemblies are outlined in table 3.24.

Table 3.24: Parts Used in Hinge Assemblies [5]

Part (Supplier) | Description Image
These brackets are responsible for the panel to PQ

Bracket Male & | hinge assemblies. The design for these brackets is

Female inspired from the brackets observed in FossaSat-2.

(Custom) To fasten with the PQ body, they contain two M1.2

tapped holes.




3.5. Hinge Design 66

Part (Supplier) | Description

These hinge bodies are seen in all three hinge
assemblies. While the overall planar dimensions of
the bodies is 12mm x 8mm, they contain cutouts to

Hinge Body enable the incorporation of solar cells with the PCB

Image
layout determined earlier. The total thickness of the
Male & Female o . .
(Custom) bodies is 0.7 mm, as the maximum separation
determined in the PCB assembly design is 1.4 mm
and two hinges will stack up between consequent
panels. To fasten these to the PCBs, they contain M1

tapped holes.

Rather than conventional hinges consisting of a pin,
this hinge consists of a shoulder screw as this
provides the structure to support the spring, and
can be constrained on the other end by a lock nut,
resisting any movement or failure due to vibrations.
This is similar to the design observed in Unicorn 2
PocketQubes. The shoulder diameter and length are
2mm and 12mm respectively, and the thread is
1.6mm.

Shoulder Screw
(McMasterCarr)

This lock nut is used to fasten and constrain the
shoulder screw on the opposite end of the hinge.
Lock Nut (Accu) | The internal thread diameter is 1.6mm, and is
cushioned with nylon inserts to prevent loosening
due to the vibrations experienced during launch.

M1 screws are used to attach the hinge bodies to the
PCBs. While the thickness of the hinge body is only
0.7 mm, the screws pass through the hinge body and
M1 Flat Head are fastened into the threaded inserts attached to the
Screws (ACCU) | PCBs. This matches guidelines recommended by
NASA [77], where the length of the thread
engagement must be at least 1x the nominal
diameter of the thread.

M1.0
Screw

—PCB

PEM Threaded
Insert

Table 3.24: Parts Used in Hinge and Bracket Assemblies

Hinge Body Material Selection

For developing the additional structure and shaft to encase the torsion spring, it is important to consider
the materials that are available for such structures in small satellites. Properties for these are provided in
the appendix in table A.5. The four most prominent materials used in mechanisms and structures in
small satellites are aluminum alloys, titanium alloys, beryllium copper alloys, and stainless steel, each of
which offers unique advantages and disadvantages. For example, BeCu 172, also known as Alloy 25 in
the industry, has heritage in the only nano-scale hinge available in the market by EXA [39]. This is due to
its relatively high strength, extremely good corrosion resistance, and high manufacturability. However, it
is fairly expensive, highly toxic (although the Beryllium content is 2%) and hard to obtain compared
to Al7075 or SS302/304, which are readily available in most markets. Alloy 25 does offer additional
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capability with single-channel electrical conductivity, reducing the complex wiring between subsequent
panels, despite the high electrical resistance.

Highest strength-to-weight ratios are provided by titanium alloys, however they are costly and hard to
manufacture due to the relatively low stiffness. Since the mass of these hinges will be a relatively low
percentage of the system mass and contribute negligible changes, it’s relevance is less in this comparison.
Due to easy of procurement and other characteristics discussed, AL7075 is the chosen material. A hinge
impact analysis will be conducted in the next section to deem whether the stresses observed will cause
failure due to the aluminum alloy chosen, and the dimensions chosen for the hinge structure.

Hinge Body Separation Analysis

The two hinge bodies should ideally be locked together to prevent unwanted vibrations. However, a
separation between the two hinge bodies t;, specifically the concentric structures, is necessary to prevent
jamming prior to deployment. This separation is visualized in figure 3.27. This jamming/locking
can occur due to thermal expansion and manufacturing defects. In order to prevent this jamming, a
separation between the two hinge bodies will be determined by evaluating the deformation due to
thermal expansion to conservatively high temperatures gradients experienced in orbit, and by evaluating
the linear tolerance under the ISO 2768 'fine’ standard.

ty
H‘i

Figure 3.27: Hinge Body Separation f;,

The thermal analysis was done in Ansys Mechanical’s ‘Static Structural” tool on both hinge bodies. They
were constrained around the bolted down surface and initial and final temperatures were applied of
22 °C and -40, 80 °C respectively. These final temperatures are conservative values obtained from most
sources regarding the minimum and maximum surface temperatures experienced on small satellites in
LEO [78]. It also assumes maximum conduction between the PQ outer surfaces and the hinges. The
following results were obtained:

-0.0076279
-0.009538
-0.011568 Min

-0.002196
-0.0041427
-0.0060894 Min

(a) Female Hinge Expansion (b) Female Hinge Contraction

Figure 3.28: Thermal Deformation Observed on Female Hinge Body
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-0.0014987
-0.0039308
-0.0063629
-0.008795
-0o227
-0.013659 Min

00039779
0.0015167
-0.00094451
-0.0034057
-0.0058663
-0.0083281 Min

(a) Male Hinge Expansion (b) Male Hinge Contraction

Figure 3.29: Thermal Deformation Observed on Male Hinge Body

The results for this analysis are summarized in table below.

Directional Deformation (um)
Temperature

Female Body Male Body
(\degree C)

Min Max | Total | Min Max | Total
-40 -11.57 | 616 | 17.73 | -8.33 | 13.82 | 22.15
80 -6.09 | 1143 | 1752 | -13.66 | 823 | 21.89

The total deformation observed in the hot and cold cases are 0.0394 mm and 0.0399 mm respectively.
The tolerance for 3 axis CNC machining provided by most manufacturers according to the ISO 2768
standards are 0.05 mm, leading a total possible overlap of 0.1mm by both hinge bodies. This results in a
minimum value of the following:

ty > 0.1399mm

Due to ease of manufacturing and to introduce some clearance for this minimum separation between the
two hinge bodies, a value of (¢, = 0.2mm) is chosen for the assembly.

3.5.3. Hinge Impact Structural Analysis

Simulating the impact of the hinge at the end of the deployment is crucial to the design, as this is where
the structure is most likely to fail. This simulation should validate the use of the concept designed if it
were to survive impact shock and loading.

For each spring location, the worst and best case is considered for moment of inertia. The worst and best
case is considered by evaluating situations where all consequent panels are still stowed or fully deployed.
This can be seen in Figure 3.30. Using the minimum and maximum inertia values, the angular impact
velocity can be calculated using the equations outlined previously. This is an important calculation
because it determines the state of the collision of the hinge/locking structure, and consequently drives
sizing and material recommendations for it. This approach is adopted from [76], which also delved into
the design of deployable solar arrays on PocketQubes. The minimum and maximum impact velocities
can be calculated and are provided in Table 3.25.
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Spring ID LTR017C LTRO012A LTL020D
e 03 MW 05 SS 03S
J Spring Rate 2.992E-03 1.014E-03 4.524E-03
Imax Irnin
Max w S41 (rad/s) | 12.207 7.105 15.009
Min w S;1 (rad/s) | 3.052 1.776 3.752

J Max w 542 (rad/s) | 28.191 16.409 34.662

Min w S;2 (rad/s) | 9.397 5.470 11.554

Max w 543 (rad/s) | 34.526 20.097 42.452

Min w 5;3 (rad/s) | 17.263 10.049 21.226

Figure 3.30: Minimum and Maximum Moment of @ 5¢4 (rad/s) 24414 14.211 30.018

Inertia Conditions
Table 3.25: Spring Impact Velocity. S¢1, 5¢2, 5¢3 and S;4 represent the
torsion springs, starting with the one attached to PQ Bracket.

Using explicit analysis through LS-DYNA is necessary as it can accurately model the non-linear effects
caused by the impact angular velocity. This angular velocity can be derived from the characteristics
of the torsion spring selected earlier in the design process. Explicit analysis is preferred over implicit
analysis for simulating highly dynamic events, such as the impact of a hinge, because it is better suited
for handling short-duration, non-linear phenomena. This is further detailed in section 2.7. It requires
no convergence checks or inversion of large matrices. However it is essential to model the problem
properly and as simply as possible to reduce the computational time and focus on the main structure
being analyzed.

LS-DYNA Results

For the analysis, Spring LTR012A 05 SS was chosen, as this provided the least angular velocity at impact.
The most conservative calculation of 20.097 rad /s was also chosen as the final impact velocity for the
analysis, resulting from the deployment of a 2 PCBs of mass 14.9g and dimensions of 178mm * 44.9mm
each. The chosen values and characteristics for the analysis are given in table 3.26.

Parameter Value Description
Time Step 0.0005s (Automatically De- Defines the time increment for solving the explicit
termined by LS-DYNA) equations; should satisfy the CFL condition for sta-

bility.

Total Run Time 0.01s The total duration of the simulation, ensuring com-
plete event capture.

Hourglass Coeffi- 0.1 Controls numerical stabilization for low-order ele-

cient ments, reducing artificial energy modes.

Average Mesh Size 0.3 mm / Element Size of elements in the mesh, affecting accuracy and

computational efficiency.

Table 3.26: Explicit Dynamics Simulation Parameters

An end time of the simulation was chosen as 0.010 seconds as this was adequate to achieve the maximum
stress during impact and reduce the computational time to the minimum. One side of the hinge
(male/female) was modeled as attached to a rigid PCB through the tapped holes, while the other
(female/male) was attached to a rotating PCB through the same tapped holes at the specified angular
rate.
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Maximum [MPa] Hinge Impact Explicit Analysis
500

400
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0 0.002 0.004 0.006 0.008 0.01 0.012
Time (seconds)

Figure 3.31: Stress Concentrations During Simulation - AL7075

Hinge Figure 3.32: Stress Plot AL7075 Hinge

Firstly, the simulation was run using Al 7075 alloy as the material of choice for the hinge body. The largest
stresses observed throughout the runtime of 10 ms were observed to be around the internal corners of
the hinge bodies, with the maximum stress being 458 MPa. This is observed in figure 3.31 and figure
3.32. This value will be compared with the ultimate tensile strength of Al7075 [79], specifically for sheets
ranging 0.305 - 0.991 mm. This is the maximum stress a material can withstand before breaking and
is a better indicator than yield strength in this analysis. A conservative factor of safety is again used
for this analysis due to manufacturing inconsistencies of the spring and inaccurate predictions of the
impact moment. The margin of safety is obtained using the equation 3.1 and found to be -0.183. While
the stresses observed may be less than the ultimate tensile strength, inconsistencies within the model
and manufacturing could lead to material failure.

However, it is important to understand this maximum stress is only observed for a duration of 0.004
seconds, enough to inflict minor plastic deformation in the structure, and not necessarily break the hinge.
Furthermore, a simple fillet would largely reduce the stresses observed, and the analysis proves that this
hinge is capable of withstanding the loads during deployment impact.

Maximum Stress (MPa) Factor of Safety Ultimate Tensile Strength (MPa) Margin of Safety

458 1.4 524 -0.183

Table 3.27: MOS Hinge Impact Analysis

Future Work for Hinge Design
Evaluating spring forces for small satellite applications presents significant challenges due to the unique
and extreme conditions of the space environment. As a result, the design and validation of such
mechanisms rely heavily on a test and prototyping approach. Iterative testing in simulated space
conditions is often necessary to gather reliable data on the performance of these components and to
identify and address potential issues.

For the purposes of this thesis, I will not delve further into the detailed design and testing of these hinges
and spring mechanisms. However, the process outlined in this section can be adapted and expanded
upon in future work by estimating and applying friction factors, damping coefficients, and other variables.
A general torque margin recommended in [71] is 3 as inadequate torque was a major contributor to the
failure of deployable systems as studied in [50]. ECSS Mechanisms handbook suggests the following
equation for calculating the minimum torque to prevent deployment failure:

Tonin =2 X (1.11 +1.25 + 1.5Hp; + 3Fgr + 3Hy + 3H4 + 3Hp) + 1.25Tp + T,

where:

¢ | is the resistive inertial torque applied to a mechanism subjected to acceleration in an inertial frame
of reference (e.g., spinning spacecraft, payload or other).
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e S is the resistive torque due to springs in the mechanism.

® Hy is the resistive torque due to magnetic effects.

o Fp is the resistive torque due to friction.

* Hy is the resistive torque due to hysteresis in the mechanism.

* Hj is the resistive torque due to harnesses or cabling within the mechanism.
* Hp is the resistive torque due to adhesion between contacting surfaces.

¢ Tp is the internal resistance torque caused by the worst-case acceleration mechanism specified by
the customer at the mechanism level.

e Tj is the deliverable output torque, when specified by the customer.

3.6. Final Design and BOM

This section contains the final assembly of the deployed solar arrays. It also contains the parts used to
assemble all the different structures together, that haven’t previously been identified in the hinge design
chapter. The render of the final deployed and stowed solar arrays can be found in figure 3.34 and 3.37. A
close up of the attachment to the PocketQube body is observed in 3.35 and the attachment of panel to
panel hinges is provided in 3.36. Additionally, the mass and cost budgets are also provided for the final
assembly.

HP2PQ 1

HP2PQ 2

Figure 3.33: Render of Deployable Arrays - Deployed Figure 3.34: Render of Deployable Arrays - Deploying

Figure 3.35: Render of HP2PQ and HP2P in Stowed Configuration Figure 3.36: Render of Panel to Panel Hinge

While the design was developed in accordance to the dimensional constraints provided by the AlbaPOD
deployer and PQ standard, it’s still possible to overlook certain aspects, which can result in a design that
ultimately doesn’t fit within the deployer. Therefore, it is essential to evaluate the cross section of the
final PocketQube model within the deployer structure. AlbaPod ICD also specifies that the deployables
may not maintain contact with the deployer wall, due to concerns of jamming with the pusher plate
during deployment. For this purpose, a 3d model of the deployer was modeled, and figure 3.38 shows
that the PocketQube perfectly fits within the volumetric constraints of the deployer.
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Figure 3.37: Render of Deployable Arrays - Stowed

Figure 3.38: PocketQube Within
AlbaPOD V1

Other than the parts outlined in table 3.24, the following parts are used to complete the assembly.

Table 3.28: Additional Parts Used in Deployable Solar Array Assembly [5]

Part (Supplier) | Description Image
The PCB was designed to be 178mm * 44.9mm with
Panel PCB . .
o a thickness of Imm. It is procured from the trusted
(EuroCircuits) . o
European supplier EuroCircuits.
T, A
M1.2 Flat Head M1.2 screws are used to mount the brackets onto the W7
Screws PQ bod 7
(McMasterCarr) Y 4
PEM threaded inserts provide a durable, reusable
metal thread for fasteners in plastic components,
PEM M1 overcoming the inherent weakness of plastic or FR4
Threaded Insert | in threaded applications, especially pertaining to
(PEM) microscrews. These are usually installed using
heat-staking processes and will interface between
the M1 screws and hinge bodies.
This flat hinge structure is used to support the final
. PCBs in the assembly. It provides the separation
Dummy Hinge 1 de th le and female hi bodi
(Custom) alongside the male and female hinge bodies to act as
a spacer on either end of the panel, and prevents the
edges of the panels from oscillating and bending.
Dummy Hinge
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3.6.1. Structural Analysis of Array Assembly

This section presents the structural analysis conducted on the final array assembly designed in this
chapter. It outlines the model preparation steps used behind the analysis within Ansys Mechanical, and
consequently presents the results obtained.

Model Preparation

To prepare the model for the structural analysis, it is important to simplify the geometry to reduce
the computational time and temporary memory being used, while still maintaining high accuracy and
confidence in the results obtained. The analysis employed a 3D mesh method, enabling an accurate
representation of the stresses and deformations observed within the hinges and PCBs.

Fasteners: Modeled as beam elements within SpaceClaim, with a cross sectional diameter equal to their
respective sizes. They are remotely attached to the concentric surfaces using fixed joints.

Boundary Conditions: Boundary conditions are developed to accurately represent the launch environ-
ment for the solar arrays in their stowed configuration, and to transfer the loads from the representative
points. The supports are also shown in figure 3.39.

1. Fixed Support 1: Applied to the tapped holes of the brackets mounted to the PocketQube.

2. Compression Only Support 1: Provides a displacement constraint in -y restricting movement of the
bottom bracket surface into the PocketQube wall.

3. Compression Only Support 2: Provides a displacement constraint in +z for the SMT spacers,
preventing their movement into the PQ wall.

4. Fixed Support 2: Applied to the tie-down cable, with a frictionless contact to the outer panels to
prevent movement in -z.

Frictionless
Contact w/ Fixed
Tie-Down Cable’
Compression
Only Support——" i
X2 -

Compression
Fixed Support at Only Support at
Bracket Tapped SMT Spacer X2

Holes X4

Figure 3.39: Boundary Conditions for Structural Analysis

Mesh: An adaptive meshing approach is used within Ansys mechanical with a high resolution. This
method automatically refines the mesh in regions of higher geometric complexity (hinge, spacers),
ensuring accurate capture of stress concentrations while avoiding unnecessary element growth. The final
mesh comprised of 574,129 nodes and 241,220 elements. Hinge bodies consisted of elements ranging
from 0.1 mm (near tapped holes) - 0.5 mm. Mesh sizing was described for the PCBs, fixating element size
to 2.0 mm.

Modal Analysis

The modal analysis was conducted for up to 50 modes to ensure the inclusion of an effective number of
modes that contribute significantly to the cumulative effective mass relative to the total mass across all
six degrees of freedom. Additionally, the analysis accounts for modes up to the frequencies experiencing
PSD accelerations. Modal results for modes representing the highest mass fractions are provided in
table 3.29, capturing the most significant dynamic variations in the structure. Figure 3.40, 3.41, 3.42, 3.43,
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3.44 and 3.45 show images of these mode shapes. The structure’s fundamental natural frequency was
determined to be 192.6 Hz, demonstrating its high rigidity and reflecting a stiff overall design.

Mode | Frequency (Hz) | Type

1 192.90 Global Torsion

2 206.01 Global Bending

9 479.16 Localized Bending

11 631.37 Localized Torsion

12 768.37 Global Bending

21 1020.2 Localized Torsion/Bending

Table 3.29: Modal analysis results for final array assembly

370.56 Max
320,30
28821
47,04
205,87
164.69
123.52
82,347
4173
0 Min

Figure 3.40: Final Array Mode 1 Figure 3.41: Final Array Mode 2

332.04 Max 277.78 Max
205,15 246,92
258,25 216,05
22136 185,12
184.47 154,32
147.57 123.46
110.68 02,504
73,787 61.729
36,0804 30,865
0 Min 0 Min
Figure 3.42: Final Array Mode 9 Figure 3.43: Final Array Mode 11

238.96 Max 352.71 Max
2124 13.52
185.86 274.33
159.21 235,14
132,76 195.95
106.2 136,76
79,654 117.57
53,102 78,370
26,551 3919
0 Min 0 Min

Figure 3.44: Final Array Mode 12 Figure 3.45: Final Array Mode 21
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Random Vibration

Due to the structure’s high fundamental natural frequency, sine vibration inputs, albeit still resulting
in stresses, will not resonate the structure. This makes the random vibration environment the primary
driver to looking at stress and displacement responses in launch conditions. Random vibration analysis
was performed in ANSYS using the built-in random vibration module. The input consisted of PSD
acceleration values in g, derived from GEVS qualification levels presented in 2.27, applied in all principal
axes (X, Y, and Z). The boundary conditions were defined to reflect the actual support constraints,
ensuring realistic simulation of the random vibration environment.

As observed in figures 3.46, 3.47 and 3.48, the deformations are largely experienced in and out of plane of
the solar panels (+Z) and are negligible in X or Y. A maximum deformation of 0.779 mm is observed for
the bottom parts of the array assembly, closest to the base-plate of the PocketQube. The results suggest
that while the PCB won't collide with the inner walls of the PocketQube deployer, the hinge has a high
probability of doing so since it is closer, and may need additional tie-down cables along the length of the
panel to reduce the deformations. Additionally, to help reduce the deformations observed under random
vibration, viscoelastic stiffeners can be used on the PCBs. Viscoelastic materials’ inherent damping
properties absorb and dissipate vibrational energy, lowering resonance peaks and minimizing overall
displacement.

Additionally, the maximum stresses were observed in the bracket assembly, close to the tapped holes
and the root of the hinge as visualized in figure 3.49. A maximum stress of 177.85 MPa was observed,
proving great structural integrity of the hinge during launch. Using the material properties, the MOS is
0.983. Negligible stresses are observed in the PCBs.

Maximum Stress (MPa) Factor of Safety Ultimate Tensile Strength (MPa) Margin of Safety

177.85 1.4 493.8 0.983

Table 3.30: MOS Hinge Impact Analysis

1/31/2025 1:11 AM 1/31/2025 111 AM

0.13837 Max
0123

0.10762
0.092247
0.076872

Y
0.061498
;@ 0.046123
0.030749
0.015374

0.10884 Max
0.096745
0.084652
0.072559
0.060466
0.048373
0.036279
0.024186
0.012093

0 Min

Figure 3.46: Random Vibration Deformation x-axis 20 Figure 3.47: Random Vibration Deformation y-axis 20
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Unit: mm

Solution Coardinate System Unit: MPa

Time: 0s Tirne: 05

1/31/2025 1:12 AM 1312025 1:16 A
0.77934 Max 177.85 Max
069275 50,661
0.60616 43.583
0,51956 .4
043297 R
0.34637 UG
0.25978 13618
017319 32?;?
0.0865%4 ' .
O M 0.026603 Min
Figure 3.48: Random Vibration Deformation z-axis 20 Figure 3.49: Random Vibration Equivalent Stresses 20

3.6.2. Failure Modes and Mitigation Strategies

This subsection examines common mechanical failure modes, including fastener detachment, hinge
deadlocking, pin fracture, and insufficient preload in tie-down cables. Each failure scenario is analyzed
in terms of its root cause, potential impact on the system, and mitigation strategies. Proven solutions
such as advanced coatings (e.g., Keronite, hard anodizing), solid and liquid lubricants (e.g., MoS2,
PFPEs), precision assembly processes, and space-qualified adhesives (e.g., Loctite 242/271) are discussed.
Implementing these countermeasures enhances performance and reliability of deployable arrays in
the extreme space environments. The potential hazards are obtained from studies on reliability and
failure assessments of heritage deployable mechanisms [60] [80]. Table 3.32 summarizes the faults and
mitigation strategies. Severity ratings are as follows:

Level | Final effect | Explanation
I Catastrophic | Cause the loss of satellites
I Critical Cause the satellite system damaged, or cause the missions
failed
I Marginal Cause the satellite missions degraded or delayed

Table 3.31: Failure Classification Levels [60]

Part Fault Cause Effect to Final Effect | Severity| Mitigation
Upper
Mechanism
Burn Cutting Insufficient Panel De- Limited PQ 2 -Multiple burn-wire
Resistor Failure current/ ployment power assemblies
‘Ififf%iec/ient Failure generation -Meticulous assembly
stroke from process
tie-down - Repeated
cable breadboard testing.
Hinge Fastener M1 screw Hinge disas- | Solar array 1 -EP53TC, Loctite
Failure breaks or sembly detachment, 242 /271 epoxy
detaches due hazardous threadlockers (Used
to deployment debris previously by NASA,
impact creation low out-gassing) [81].

(Continued on next page)
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(Continued from previous page)
Part Fault Cause Effect to Final Effect Severity| Mitigation
Upper
Mechanism
Pin Vibration due | Hinge Solar array 1 -Solid/Liquid
Fracture/ to separation | disassem- detachment, Lubrication to
Failure of hinge bly/bend- peak power prevent frictional
bodies ing reduction, wear, MoS2, PFPEs,
hazardous PAOs [82].
debris
creation
Deadlocking/| Thermal Panel Limited PQ | 2 - Hard Anodizing
Cold. expapsion or de.ployment power - Keronite (PEO)
Welding debris failure generation ) d
jamming 1Coatmg (provi es
ong-term durability,
wear resistance, and
cold welding
prevention [83]
-Powdered graphene
[42], other lubricants.
Torsion Insufficient Friction forces | Panel Limited PQ 2 -Powdered graphene,
Spring Drive deployment | power other lubricants.
Torque failure generation
Tie-Down | Insufficient | Insufficient Excessive Solar panel 1 -Meticulous assembly
Preload tension panel fail- process, surgeon’s
during vibrations, ure/break, nots.
assembly hitting PQ -Observation after
deployer deployment -
. multiple sweep tests.
wall failure,
debris
during
deployment
PCB Warping/ Extreme Bending/ Reduced 3 -Orbital thermal
Cracking thermal misalign- power simulation and
cycling ment of generation thermal coatings.
deployed
array, solar
cell
efficiency
reduction

Table 3.32: Failure Modes and Mitigation Methods

Mass and Cost Budgets
This section will delve into two important budgets associated with the design, mass and cost. Calculating the final
mass of the assemblies will allow the investigation of the Specific Power (W /kg) of the solar arrays as this is an
important metric to allow comparison with industry solutions. It will also help understand how much mass is
available for the payload, and other sub-systems. The mass budget is provided in table 3.33. The cost is also an
important metric to evaluate to make sure that the development of the PocketQube stays within budget. For non
COTS parts, the costs are estimated from external manufacturers like ProtoLabs and PCBWay. This is provided
in table 3.34. The cost estimates presented herein include only manufacturing and purchasing expenses. Labor
(man-hours) and procurement costs are excluded from this budget.
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Quantity | Parts Material Mass (g)
8 PCB Isola 370HR 14.86
14 Hinge Male 7075 T-6 Al 0.225
14 Hinge Female 7075 T-6 Al 0.226
2 Bracket Male 7075 T-6 Al 0.956
2 Bracket Female 7075 T-6 Al 0.996
4 Dummy Hinge 7075 T-6 Al 0.102
16 Shoulder Bolt 304 Stainless 0.385
16 | Lock Nut 304 Slt\?;rl‘éiss w/ 0.0489
16 Torsion Spring 304 Stainless 0.15
72 M1 Screws 304 Stainless 0.0214
8 M1.2 Screws 304 Stainless 0.0412
18 Azur 3G30A GalnP/GaAs/Ge 3.561
Total Mass (g) 204.8

Table 3.33: Mass Budget

With a total mass of 204.8g and a peak power generation of 19.7 W as estimated in 4.1, the specific power calculated
for these deployable arrays is 96.2 W /kg. This is comparable to Blue Canyon Technologies” quadruple deployed 3U
rigid arrays (108 W/kg) and Ecuadorian Space Agency’s DSA /1A 1U rigid arrays (107 W/kg) as shown in NASA’s
Power State of the Art 2021 report [17].

Part Supplier Quantity Re- | Cost Per Part | Cost at | Total Cost

quired (€) Quantity (€) | (€)
PCB EuroCircuits 8 160.62 39.2 313.6
Hinge Male PCBWay (Est.) 14 37.35 20.1 281.4
Hinge Female PCBWay (Est.) 14 37.35 20.1 281.4
Bracket Male PCBWay (Est.) 2 37.36 33.65 67.3
Bracket Female PCBWay (Est.) 2 37.36 33.65 67.3
Dummy Hinge PCBWay (Est.) 4 37.59 28.96 115.84
M2.0  Shoulder | McMaster-Carr | 16 7.4 6.3 100.8
Bolt
M2.0 Lock Nut ACCU 16 6.6 445 71.2
Torsion Spring - | Lee Springs 16 8.06 8.06 128.96
LTRO12A 05 SS
M1.0 Cheese Head | ACCU 64 1.34 0.57 36.48
Screw
M1.2 Cheese Head | ACCU 8 1.38 0.76 6.08
Screw
PEM Threaded In- | ACCU 64 0.19 0.148 9472
sert MSIA-M1-100

Total Cost | 1479.83

Table 3.34: Cost Breakdown of Components

A complete list of the COTS parts within the design are provided in the appendix section A.9. The total cost of the

structures (excluding cell arrays) amounts to 1479.83 Euro.



Evaluating Deployment Configurations
and Their Impact on a 3P PocketQube
Mission

Various configurations of deployable arrays on PocketQubes have been launched, with the three most common
ones discussed in the literature review in table 2.3. The ‘configuration’ purely refers to the locations at which the
solar panels are attached to the PocketQube body. Unlike larger satellites, which can adjust their configurations
throughout the mission using deployable appendages, small satellites are constrained by their limited size and power.
In particular, PocketQubes lack the capability to orient solar panels and may rely solely on passive stabilization.
Therefore, selecting the appropriate configuration requires careful consideration of the mission’s primary objectives,
requirements, and functional constraints. This chapter explores the effects of these configurations on power
generation and mission duration specifically, offering a detailed analysis to guide researchers and designers in
choosing the most suitable option for their deployable arrays. The configurations examined are illustrated in Figure
41.

Configuration 1 135° Configuration 1 90~ Configuration 2 Configuration 3
Figure 4.1: Panel Deployment Configurations

These four configurations were specifically selected due to their high prevalence in small satellite missions. Among
PocketQubes, these represent the only configurations implemented in past or planned missions, and for CubeSats, a
significant proportion follow these configurations.

4.1 Power Generation

Power generation is a key factor when selecting the right configuration for a small satellite, as it significantly affects
the instrumentation and communication capabilities. For satellites like Unicorn 2 that feature active Attitude Control
System (ACS) and pointing, configurations with singular large surface areas are generally more effective. On the
other hand, satellites with passive ACS, which primarily support de-tumbling and limit rotation along specific
axes, benefit from configurations with distributed power surfaces. This section analyzes the chosen configuration’s
power generation capabilities and how they vary across different orbits and throughout the year. For this section,
the spacecraft will be modeled as a velocity aligned, spinning satellite, representing the passive aerodynamic

79
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stabilization commonly employed by small satellites below 500 km altitude [84]. The analysis will also be focused on
SSO orbits, as these are commonly employed by small satellites due to multiple reasons:

¢ Consistent Lighting Conditions: Satellites pass over the same area at the same local solar time, enabling
great monitoring and remote sensing applications.

¢ Global Coverage: Over a solar day, /glssso orbits allow satellites to image a majority of the Earth, making it
perfect for weather monitoring as well.

SSO orbits are also available for choosing from ride-share missions, such as the ones provided by the SpaceX
transporter program [85]. The only launches available to book are for SSO orbits between 500-600 km. There are
multiple goals of this section. Firstly, to support the analysis, a Python tool will be developed to simulate the
spacecraft’'s movement in orbit and obtain a power generation profile. This tool will aid in preliminary power
analysis for small satellites, where the CAD model and attitude conditions are available. The model will be used to
evaluate power generation in common SSO orbits and to examine how varying  angles affect the power generation
profile throughout the orbit. The model’s accuracy will be validated by comparing its results to AGI STK simulations
in peak conditions (noon-midnight and dusk-dawn orbits), using identical orbital parameters and attitude settings. If
successful, this Python model can provide an accessible, cost-effective alternative to expensive commercial software,
enabling similar analyses with lower resource requirements. Steps for developing and utilizing the model will also
be outlined.

Following this, STK will be used to understand how the seasonal variations in the orbit affect the power generation
onboard PocketQubes, and consequently whether these variations are different for the different configurations.

4.1.1. Preliminary Power Generation Model

As mentioned previously, a simplified power generation model was developed in python, found in Appendix A.4.1,
to calculate the power generation on a tumbling satellite in orbit. The model behind the code is described in this
subsection. In order to accurately model the shadows inflicted by the inactive surfaces of the spacecraft on the solar
cells, ray tracing was implemented in python. However, the process of identifying the 3d mesh within python and
then using the ray tracing library involved numerous steps, also outlined in this section. Primarily, this included the
implementation of an incoming solar vector and two rotation matrices applied to the spacecraft, which starts at the
center of it’s eclipse phase in the orbit. One can visualize the model space as shown in figure 4.2.

-
p=90
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Figure 4.2: Python Model Space

Firstly, determining the eclipse duration is crucial for calculating the power generation on a satellite because it
directly impacts the time the satellite spends in Earth’s shadow, where it cannot receive sunlight to generate power
using solar panels. In order to accurately develop the python model, this is explored in the following section. This
also contributes directly to the battery sizing as well, and the discharge cycles.

Determining Eclipse Duration
Maximum eclipse time can calculated using the following equations [86]:

R

— il 0

a = sin (RO " h) 4.1)
Te 2a 4.2)

p 360
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Figure 4.3: Maximum Eclipse Diagram [86]

4.3)

Where h is the orbital altitude, « is the shadow region half angle, and T, max is the maximum eclipse time. However,
the beta angle can be varied to evaluate the impact of different orbits. For any satellite in a highly inclined polar, SSO
orbit, § angle can be between -90 ° and 90 °. Furthermore, it will vary continuously throughout the year due to the
orbital perturbation and seasonal variation of solar declination and the right ascension of the sun. This solar beta

angle is shown in 4.4 and can be calculated as following:

B= sin”! [Cos(F) sin(Q) sin(7) — sin(T) cos(€) cos(Q) sin(7) + sin(T) sin(e) cos(i)]
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Figure 4.4: Solar Beta Angle

(4.4)

The eclipse time needs to be calculated based on the beta angle of the satellite’s orbit. This calculation is facilitated

by [87]. The fraction of the orbital time in eclipse, fe, is given by:

1 —1 [ Vh2+2R.h . "

fo= |7 cos ((Rﬁ—h)cosﬂ) if [p] < B
=

0 if [Bl > p*

The total time period T of the orbit is given by:

_ /(Re"‘h)3
T=2n M

(4.5)

(4.6)
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The eclipse time T is then calculated as:

T.=T f (4.7)

Where 7, the angle at which the eclipse begins, is given by:

* o —1 RE
p* =sin (Re+h) (4.8)

Model Generation Steps

In the model space described in figure 4.2, One rotation matrix represents the tumbling around the long/stable axis of
the satellite. This is set to 10° /s as that was the observed tumbling rate from Delfi-PQ. The other represents the rotation
of this long axis throughout the orbit and that is set to 1 rotation per total orbit duration or 360° / Total Orbit Duration.
These can be visualized in Figure 4.5. Certain fixed parameters were selected to ensure that the comparison of power
generation focused solely on the impact of the configuration. These parameters are detailed in Table 4.6.

Velocity
A Vector
Parameter Value Unit
Solar Cell Area 0.003018 | m?>
> No. of Cells Per Panel | 2
Velocity Rate of Spin 10 °/s
A Vector
Altitude 500 km
Ca—
- Solar Cell Efficiency | 0.3
Solar Flux 1361 W /m?
Figure 4.6: Power Generation Parameters

Y

Figure 4.5: Visualising Rotation
Matrices

1. CAD model developed or loaded in Blender: Initially, a CAD model of the satellite needs to be developed.
This can be developed within an external software and then loaded onto Blender, or directly within Blender.
The recommended approach is to utilize STL files for the export and import. Key consideration here is to
model the solar cells as separate geometries/domains. The spin-stabilized axis of the spacecraft then needs to
be aligned with the z-axis within Blender.

2. Identification of Active and Inactive Surfaces in Blender: Within blender, the active surfaces (solar cells)
and inactive surfaces (satellite structure) are clumped into "Vertex Groups”. These vertex groups allow
for classification of the different geometries. Then, the vertex groups are assigned a color property (red
[254,0,0,255] for active and blue [0,0,254,255] for inactive).

3. Export from Blender and Import in Python: The modified 3d model is exported from Blender in the Polygon
File Format (PLY), ensuring that vertex color data is preserved. Then, the model is loaded within Python
using the trimesh library trimesh.load().

4. Identifying Active and Inactive Faces within Python: Active regions of the model were identified based on
vertex colors. A specific color (e.g., [254, 0, 0, 255]) was used to isolate active vertices and faces through
the get_active_mesh() function.

5. Ray Tracing for Illumination: The RayMeshIntersector from trimesh.ray.ray_triangle was applied to
perform ray tracing. This determined the illuminated faces by checking intersections with a given solar vector.
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6. Orbital Period, Eclipse and Incoming Solar Irradience Vector User defined input parameters for the
simulation are: Orbital_altitude, beta_angle, panel_efficiency. The equations defined in 4.1.1 are then used to
calculate the total orbit time and eclipse time. Furthermore, the incoming solar vector defined within the
model is modified based on the f angle. This modification can also be visualized in figure 4.2

7. Power Simulation: Firstly, the spacecraft starts at the middle of its eclipse phase, where power generated is 0.
At every consequent time step, the rotation matrices are applied to the mesh based on the time elapsed and
the rotational rates. The incident angle is then calculated between the specified sun vector S in the previous
step and the solar panel discrete surfaces’ normal vectors after applying the time-dependent rotations. The
mathematical setup for the calculation is described below:

Let S represent the Sun vector (assumed constant in the inertial frame), and let P represent the initial normal
vector of the solar panel. The solar panel is rotated using two time-dependent rotation matrices.

The rotations about the x-axis and z-axis are represented as follows:

1 0 0 cos@; sinf, O

A(6x) = | cosOy —sinOy|- B(6:) = —-sinf, cosO, 0]

0 sinBy, cosOy 0 0 1
Here, 6 = wyt with wy =10°/s = 1”—8 rad/s representing the rotation rate about the x-axis, and 6, = w,t with
Wy = %631 = T2_7l-)['t rad/s representing the rotation rate about the z-axis, where T4, is the total orbital period.
orpi orbpi

After applying these rotations, the solar panel surface’s normal vector becomes:
Prot(t) = B(GZ)A(QJC)P'

The incident angle ¢(t) between the Sun vector S and the rotated surface’s normal vector Py (t) is calculated

as:
S- Prot(t)

[ISIHIProt (1]

Substituting the expression for Prot(t), the equation becomes:

cos ¢(t) =

S - (B(0:)A(0x)P)
IISIHIB(62)A(0x)P||

cos P(t) =

In this formulation:
¢ S is the Sun vector.
* P is the initial panel surface normal vector.
* Oy = wyt is the time-dependent angle for rotation about the x-axis, where wy = % rad/s.

* 0, = w;t is the time-dependent angle for rotation about the z-axis, where w, = % rad/s.
8. Results For the results, the simulation outputs the average and peak power generated throughout the orbit.
Additionally, a graph is generated to show how this power generation varies over time. The results are also
exported into an excel file for further data analysis.

4.1.2. Python Model Results

The results for the Python Model will be presented in this section, evaluating the difference in power generation of
configurations in varying f angles to see which configurations offer the best power at different lighting conditions in
orbit. Additionally, the model’s accuracy will be evaluated by STK simulations featuring similar peak solar angles.

Dusk-Dawn & Noon-Midnight Orbits

The input parameters for this study are the solar panel efficiency (0.3) and the orbital altitude (500 km). The average
power generated in orbit has been calculated and is provided in Table 4.1. This data contains both extremes of
the $ angle in dusk-dawn (no eclipse) and noon-midnight (max eclipse) orbital scenarios. The plots for individual
configurations can be found in the appendix A.4.2 which show the effect of tumbling on the power generated, but
Figure 4.7 shows the power generated throughout the orbit averaged over 36 second time steps for all configurations
and does not show the impact of the satellite tumbling. 36 second time steps allow to account for a full rotation
around its longitudinal axis with the specified tumbling rate and time-step. The averaged data is plotted to avoid
clustering on the plot and clear distinction between the configurations.
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) Average Power Generated per Orbit (W)
ID | Power Generation Case

Config1_135 | Config1_90 | Config2 | Config 3
1 Non-Eclipsed, Tumbling 2.33 0.14 3.00 3.20
2 Non-Eclipsed, Sun-Pointing | 7.06 9.86 3.56 9.86
3 Max Eclipse, Tumbling 1.74 2.05 1.08 1.13
4 Max Eclipse, Sun-Pointing 4.39 6.13 2.21 6.13

Table 4.1: Average Power Generated in Orbit

Averaged Power Generation For § = 0 Averaged Power Generation For B = 90
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Figure 4.7: Average Power Generated for f =0 Figure 4.8: Average Power Generated for § = 90

As can be seen in figure 4.7 and figure 4.8, configurations 1-135 and 1-90 feature much higher average power
generation in the maximum eclipse scenario throughout the orbit than Configurations 2 and 3. This is largely due to
the fraction of time spent against the solar irradience while tumbling. However, for the same configurations, the
results are reversed when the  angle is set to 90, representing a dusk-dawn orbit. The panels on configuration 1-90,
are always perpendicular to the incoming solar irradience, resulting in near zero power generation. Configurations
2 and 3 feature the highest average power generated in this orbit. While it is beneficial to study the peak orbital
scenarios, the model can be further developed to provide an estimate of how much this average power varies with
changing beta angles.

Beta Angle Variance

The python model can be adjusted to account for the change in beta angle. This is done by implementing a rotation
of the solar flux around the x-axis as seen in figure 4.2. This will also directly impact the eclipse times as seen earlier.
The average power generated for all configurations was plotted against incremental changes in § angle of 5° and this
is visualized in figure 4.9. This is an important study, as small satellites are usually secondary payloads on rideshare
missions like the transporter missions, eliminating the possibility of picking precise orbits, and being subject to large
variances in expected lighting conditions.
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Average Power vs Beta Angle for Different Configurations
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Figure 4.9: Average Power Generated While Varying f angle

For changes in the configuration, the average power generation is immensely impacted.

Configuration 1: For different deployment angles, power generation is greatly different. When deployed at 90
degrees, the solar panels are aligned perpendicular to the spacecraft’s Z-axis. While this configuration may be
effective in specific orientations, it becomes highly dependent on the beta angle, and for cases where 90 degrees,
the Sun’s rays are nearly parallel to the orbital plane, meaning that the arrays receive little to no direct sunlight,
leading to negligible power generation during certain parts of the orbit. A 135-degree deployment angle improves
average solar illumination compared to 90 degrees, as it increases exposure to a wider range of Sun incidence angles.

Configuration 2 and 3: These show a steady increase of power generation with increase in f angle, mainly due to the
decrease in eclipse times. While the angle at which the solar irradiation impacts the spacecraft’s orbit is changing,
configurations 2 and 3 spend the same fraction of time generating power and the incident angle for this fraction is
still only impacted by the tumbling, and not by the change in beta angle. Configuration 2 is expected to generate less
power than 3 in all § angles due to the impact of shadows inflicted by the panels.

Another noticeable point is that around a  angle of 40°, all configurations seem to generate similar amount of power
in orbit, meaning that either one can be chosen if this is the intended orbit for the mission. If there is a lack of
knowledge regarding the orbit insertion, and to make the mission suitable for multiple orbits, configuration 1 with a
135° deployment angle should prove to be the best option, as the average power generated stays roughly around 2 W
for 4 panels. Around = 67°, the power generation becomes fairly constant for configurations 1-135, 2 and 3, as this
is the threshold for reaching zero eclipse times at the specified altitude of 500km.

4.1.3. Verification with Ansys STK

AGI STK (Systems Tool Kit) is a software platform developed by Analytical Graphics, Inc. that is widely used for
modeling, simulating, and analyzing complex systems in aerospace, defense, and other industries.

In this case, STK can be used get an accurate picture of power generation and verify the results obtained with the
python model. To evaluate its accuracy. for the verification case, f = 0° was chosen, representing alignment of the
orbital plane with the Sun-Earth line. In STK, this was achieved by selecting the vernal equinox at an epoch date of
March 20 at 03:06, with the Q set to 0 degrees to align the orbit with the Sun.
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Parameter Value

Epoch Date  20.03.2024

h 500 km
e 0

i 97.4°
Q 0°

w 0°

\% 0°

Figure 4.10: Orbital Parameters

Figure 4.11: SSO Orbit Visualized in STK

In order to use and define geometry in STK, a lengthy process is needed to import the 3D geometry in the software.

1. 3D models of the PocketQubes with the different configurations are developed in SolidWorks (or other CAD
software).

2. Models exported as STL files and imported into blender. Using Blender, the geometry is aligned with the
correct axes and exported again into a COLLADA (dea) file format.

3. DEA file opened with NotePad++ in which the code is implemented to surfaces representing solar panels with
an efficiency of 0.3 to represent the sanple, Azur 3G3CA cells.

<extra type="attach_point">

<technique profile="AGI">

<solar_panel group="Solar_Panels" efficiency="30.0" />
</technique>

</extra>

4. COLLADA file imported into STK with solar panels defined. "Solar Panel’ tool used to obtain power generation
profiles.

Once the files have been imported, the orbital parameters can be added and the attitude mode can be defined. There
will be two modes studied, accurately representing cases with and without dedicated active ADCS modules. One
where the satellite is tumbling around its velocity vector, and one where the satellite is always sun pointing. Both
these cases are shown in Figure A.13 and Figure A.13 in the appendix.

The simulation is sufficient for orbits since the verification scenario is focused on a completely spin-stabilized attitude
mode, and the Beta angle for the verification case is set to 0. All 3 configurations (4 considering both angular versions
of configuration 1) were simulated and the data obtained is available in appendix A.5.3.

4.1.4. Comparison of STK and Python Data

As STK was used to verify the Python model and to prove that it accurately represents the power generation in orbit
for spacecraft, data from both simulations was plotted together for the different configurations and is shown in
Figures 4.12a, 4.12b, 4.13a and 4.13b. The average power values and the errors are summarized in Table 4.2.
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Configuration | Python Averages (W) | STK Averages (W) | Error (%)
Config 1-45 1.736 1.693 2.54
Config 1-90 2.048 2.013 1.74

Config 2 1.077 1.043 3.26
Config 3 1.139 1.107 2.89

Table 4.2: Comparison of Python and STK Averages with Error

Configuration 1 135° Power Comparison Configuration 1 90° Power Comparison
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Figure 4.12: Power Verification for Configurations 1-135 and 1-90
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Figure 4.13: Power Verification for Configurations 2 and 3

The power generation profiles prove to be extremely identical as the curves layered over each other are hard to
distinguish. Slight differences in power generation in STK over multiple orbits are visible in 4.13a and 4.13b, where
the peaks prior to entering and leaving the eclipse tend to vary and surpass the values suggested by the python
model. The errors for all power generation values are also relatively minimal, proving that the python model is more
than sufficient for preliminary solar array sizing in mission design. A well known resource for assessing whether
this error is good enough for early phases in the design is the SMAD (Space Mission Analysis and Design), widely
used amongst students in space engineering for preliminary sizing and design estimates. They note that variations
in-orbit conditions can lead to a difference of 5-15% in delivered power. The error obtained between the python
model and STK is small enough in comparison to this value.
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4.15. Seasonal Variations in Power Generation

STK will be used to analyze how power generation varies seasonally in the given Dusk-Dawn and Noon-Midnight
SSO orbits. As previously mentioned, SSO orbits are useful because their orbital plane precesses at the same rate as
the Sun’s apparent motion. This allows the satellite to pass over the same region at nearly the same solar time each
day. The RAAN (Q) precesses 360 degrees throughout the year, keeping changes in the solar beta angle relatively
small and keeping relatively constant lighting conditions. However, due to the tilt of the Earth’s axis (obliquity
of the ecliptic), there are still seasonal changes in the solar beta angle. By simulating these variations in STK, we
can understand how seasonal effects and orbital parameters influence power generated, and whether this effect is
different for different configurations.

For this analysis, the starting point is the vernal equinox (March 20th, 03:06 UTCG), when the Equator aligns with
Earth’s orbital plane. The SSO orbit is designed using the ‘Orbit Wizard” and ]2 propagator to achieve the correct
inclination for the chosen altitude, ensuring a daily RAAN shift of Q = 0.9863°. Power generation is evaluated at 12
evenly spaced time intervals throughout the year, capturing key points such as the winter and summer solstices, as
well as the autumn equinox.
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Figure 4.14: Noon-Midnight SSO Figure 4.15: Dusk-Dawn S50

For noon-midnight orbits, the shift in incoming solar angle due to a change in seasons can be visualized in figure
4.18. As visible, the satellite spends a maximum time in eclipse on either seasonal shift of the incoming solar vector.
Due to this, the seasonal variation is expected to have minimal /negligible impact on the power generation profiles of
the different configurations, and the plot obtained in figure 4.16 proves just that. The average power throughout the
year have maximum variations of 5%, with configuration 1-135 showing the greatest difference.
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Figure 4.16: Noon-Midnight Yearly Average Power

For Dusk-dawn orbits on the other hand, change in power generation is visible in figure 4.17, possibly due to
seasonal eclipses being present, and the solar § angle changing due to Earth’s obliquity. These changes are quite
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large, and configurations 1-135, 2 and 3 follow similar paths, with the latter two dropping nearly 30% in power
around summer solstice (20 June) and having a steady increase until the maximum occurring around the vernal
equinox location. Configuration 1-90 yields minimum power generation, as seen in the previous sections, but benefits
from the obliquity around summer and winter solstice periods. It still proves to be an infeasible choice for power
generation in this orbit.
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Figure 4.17: Dusk-Dawn Yearly Average Power

Impact of Orbital Decay on RAAN Evolution and Lighting Conditions
As mentioned earlier, the benefit of SSO orbits are that they provide consistent lighting conditions with minimal
change in g angle due to the orbital precession matching Earth’s mean motion. The change in Q is as following:

2
=3 (REV JEE osi
Q= 2]2( p ) e cos i (4.9)

where Q is the RAAN precession rate (rad/s), J» is Earth’s ]2 coefficient, Rg is Earth’s mean radius (km), a is
the semi-major axis of the orbit (km), ug is the standard gravitational parameter of Earth (km3/s2), and i is the
inclination of the orbit (radians). The altitude and inclination are chosen specifically to provide a Q/day of 0.986°.
The combinations of these values to support SSO orbits is provided in figure A.12, available in the appendix. While
the inclination does not inherently change drastically due to the J2 perturbation, the altitude of the orbit decreases
over time due to the atmospheric drag experienced in LEO, causing a change in Q. This means that lighting
conditions can change drastically over longer missions without means of active propulsion. This effect is studied
by evaluating the cumulative change in RAAN for configuration 1-90 with different drag areas and corresponding
decay trajectories as computed by DRAMA in the next section.
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Figure 4.18: RAAN Change Config 1-90 Min Area Figure 4.19: RAAN Change Config 1-90 Ave Area

As identified in the graphs above, while the change is minimal for mission durations suited for short technology
demonstration missions, it could be highly impactful for longer duration missions. This was also identified as a
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potential issue in Delfi-C3, as the satellite was designed for no eclipses but has experienced eclipses throughout its
lifetime due to the loss of sun-synchronicity. Due to this research, and the results from section 4.2, Configuration 1
with a 135°deployment angle is recommended for passively tumbling satellites.

4.2. Mission Duration

In this section, the orbital life time of the different configurations will be assessed. Atmospheric drag, even at
altitudes well beyond the Karman line (100 km), plays a significant role in the orbital decay of small satellites over
time. As the satellite’s altitude decreases, the density increases exponentially, leading to stronger drag forces and
faster altitude decay.

The orbital lifetime of satellites is regulated to protect our access to space and prevent scenarios like the "Kessler
Syndrome’, a theoretical chain reaction of collisions triggered by the high density of satellites and debris in specific
altitudes, LEO in this case. A guideline established by both ESA and NASA for small satellites for orbital life time in
LEO was 25 years [88]. However, with the increasing number of satellites occupying this space and concurrently the
increasing risk of space debris, a new guideline needed to be recommended. In fact, the Federal Communications
Commission (FCC) has adopted a new rule to propose that satellites de-orbit within 5 years after completing their
mission [89].

Atmospheric drag can be modeled in terms of the following equation:

1
F, = Epvzch (4.10)

The acceleration due to drag is therefore directly affected by the area/mass ratio, which is often manipulated by
engineers using sails/panels to de-orbit satellites. Due to the small scale of PocketQubes, and the limited space
available for active ACS, it is necessary to evaluate how the deployed configuration of solar arrays will impact
the orbital lifetime, and active strategies will be necessary to de-orbit satellites to adhere to the 5 year guideline
recommended and this chapter will aim to address that.

A multitude of factors can affect the orbital life time of a small satellite and these are the following:

1. Altitude: Lower orbits experience more atmospheric drag, reducing the satellite’s lifetime.

2. Satellite Mass and Size: Larger satellites with more surface area experience greater drag.

3. Solar Activity: Increases atmospheric density, causing more drag. Usually follows an 11 year solar cycle.
4. Orbital Inclination and Eccentricity: Influence the satellite’s exposure to varying atmospheric densities.

The orbital lifetime could theoretically be estimated using fundamental astrodynamics equations by modeling the
drag force as a retrograde thrust. However, the analysis becomes significantly more complex due to the variability
in atmospheric density, which changes with decreasing altitude and fluctuates based on the phase of the solar
cycle. To account for these complexities, it would be necessary to include a suitable atmospheric density model,
as atmospheric drag critically depends on accurate density predictions. Therefore, in order to evaluate the orbital
life time of the different configurations, ESA’s Debris Risk Assessment and Mitigation Analysis (DRAMA) tool will
be used. This is a comprehensive tool for the compliance analysis of a space mission with space debris mitigation
standards; incorporating data from Meteoroid and Space Debris Terrestrial Environment Reference (MASTER).

Firstly, the impact of the solar cycle and solar activity will be analyzed to identify the launch dates corresponding to
the maximum and minimum orbital lifetimes for a specific configuration. Subsequently, the orbital lifetimes for
these peak launch dates will be evaluated for the different configurations with varying numbers of panels.

4.2.1. CROC

CROC (Cross Section of Complex Bodies) is a tool within the DRAMA module that is used to evaluate the minimum,
average, and maximum cross sections for satellite bodies. Three functionalities are available within the tool:

1. User-defined aspect angle
2. User-defined aspect angle and rotation axis
3. Randomly Tumbling Satellite

To best assess the orbital life-time, minimum, maximum and average cross sections from a 'Randomly Tumbling
Satellite” will all be studied. While the randomly tumbling case may overestimate the drag area in some scenarios
(where the deployed panels aren’t normal to the flight velocity), it is still the best estimate without delving into the
aerodynamic profiles of the different configurations.

Configurations and their calculated effective cross sectional areas for our analysis are provided in Table 4.4. The
solar cell and PocketQube parameters are given in Table 4.3. The panel dimensions represent the long faces of the
PQ (50 mm * 178 mm) and the mass of the spacecraft is obtained from the current approximated Delfi-Twin mass.
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Design Parameters Panels Configuration Mizn Av2e Me;x
(m*) (m?) (m?)
Panel Width 44.9 mm 2 Config 1_135° | 0.0090 | 0.0182 | 0.0232
Panel Length 178 mm Config 1_90° 0.0085 | 0.0181 | 0.0225
Panel Mass 147g Config 3 0.0027 | 0.0167 | 0.0264
PQ Mass 545 g 4 Config 1_135° | 0.0150 | 0.0252 | 0.0281
Config 1_90° 0.0085 | 0.0249 | 0.0344
Table 4.3: Solar Panel Parameters Conﬁg 2 0.0028 0.0212 0.0267
Config 3 0.0028 | 0.024 0.0426
6 Config 1_135° | 0.0155 | 0.0332 | 0.0376
Config 1_90° 0.0090 | 0.0325 | 0.0488
Config 2 0.0029 | 0.0276 | 0.0426
Config 3 0.0029 | 0.0316 | 0.0588
8 Config 1_135° | 0.0185 | 0.0411 | 0.0497
Config 1_90° 0.009 0.0404 | 0.0668
Config 2 0.003 0.0336 | 0.0426
Config 3 0.003 0.0395 | 0.075

Table 4.4: CROC Cross Section Calculations

The minimum and maximum cross sections can be visualized in figure 4.20 and 4.21 for the different configurations.
The images depict the cross sections directly subjected to drag forces. They are representative of two attitude modes
for the satellite. One resembles Delfi-PQ and Delfi-Twin, with the longitudinal axis velocity aligned. The other
represents nadir pointing satellites, that might be equipped with earth observation payload as recommended in the
AlbaPod payload user guide [90] or the fossasat shown in the image.

Velocity-
I Aligned

Config 1-135 Max Config 2 Min

Config 1-90 Max Config 3 Min

Figure 4.20: Velocity Aligned Attitude Mode Applicable Cross Sections

Nadir
Paointing
(- .

Config 1-135 Min Config 2 Max é

-
A

Config 1-80 Min Config 3 Max

Figure 4.21: Nadir Pointing Attitude Mode Applicable Cross Sections
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4.2.2. OSCAR Lifetime Evaluation

The OSCAR tool is used to understand the variance in orbital lifetime based on certain parameters. In this section,
the orbital lifetime for the different configurations will be evaluated, and aspects pertaining to those lifetimes, such
as the number of panels, and the launch date will also be studied.

Within the DRAMA module, Cross-Sectional Area
and Mass are inputs in m? and kg respectively. Due to Table 4.5: OSCAR: Orbital Parameters
the size of PocketQubes, it is impossible to accurately
assess the orbital lifetime due to the numbers of
significant figures that can be inputted within the
user interface. Therefore, the pyDRAMA is used Eccentricity (e) 1.0 x 1074
for this analysis. The code for this can be found in

Parameter (Symbol) Value

Appendix A.3. The configuration parameters and In.chnatlon (l), 907'5
inputs used for this analysis are provided in table 4.5. ngh.t Ascension of the As- 0
cending Node (Q)

First, the.launch da.te cqrrgsponding to the r.ninirr.u.lm Argument of Perigee () 0°
and maximum orbital lifetimes needs to be identified o

. I Mean Anomaly (M) 0
to conduct the analysis. These represent critical peak o
configurations that could jeopardize the mission by Drag Coefficient (Cp) 2.2

either resulting in unreasonably short mission dura- Reflectivity Coefficient (Cr) 1.3
tions or exceeding the 5-year orbital lifetime limit set
by the FCC. For this purpose, a sensitivity analysis
will be carried out.

Sensitivity Analysis - Impact of Launch Date and Launch Altitude

The solar cycle, which lasts about 11 years, plays a significant role in affecting the atmospheric density in the
thermosphere. During periods of high solar activity, known as the solar maximum, the sun emits increased levels of
UV and X-ray radiation. This heats the thermosphere, causing an increase in atmospheric density at higher altitudes.
Drag force is directly influenced by this atmospheric density, which in turn impacts the orbital lifetime of satellites.

Understanding the impact of the solar cycle can have a great influence on the mission design and planning for LEO
satellites. That is why it is empirical to do a sensitivity analysis to see how drastically the orbital time will change.
For this sensitivity analysis, the configuration 1-135°with 4 panels and a mass of 610.9 g (mass of satellite + mass of 4
panels) will be used. The orbital lifetime is evaluated annually for 12 years from the start of the most recent solar
cycle which is approximated to be in December 2019. The results are plotted in Figure 4.22. Additionally, launch
altitudes will also be varied to understand if there is a difference in the launch dates corresponding to the minimum
and maximum orbit times.

Orbital Lifetime Over Time for Different Altitudes

Orbital Lifetime (years)

) L~

T T T T T T
2020 2022 2024 2026 2028 2030
Launch Date

Figure 4.22: Sensitivity analysis with launch date

The differences in orbital lifetimes is drastically different for different launch dates. For example, for an altitude of
500km, the orbital lifetime is nearly 3.5 years with a launch date of Dec 2028 in comparison to 0.7 years with a launch
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date of Dec 2024. This difference could be largely influential in mission design, and consequently choosing the type
of deployment configuration for solar arrays. Another noticeable aspect is that the launch dates corresponding to
minimum and maximum orbital lifetimes change with different launch altitudes.

Since the desired altitude for launching PocketQubes is at 500km, launch dates of Dec, 2024 and 2028 will be
considered to study the orbital lifetime across different configurations and number of panels.

OSCAR Lifetimes for Different Configurations

In this section, the results of OSCAR simulations will be looked at for the different deployment configurations with
different number of panels. The key evaluation here is whether any of the options exceed the 5 year orbital lifetime
limit set by the FCC, and what type of mission design lifetimes are these configurations suited for. These options
will need to incorporate active de orbit measures in order to meet the guidelines. The plots below contain the data
obtained from the simulations, with the number of panels being represented on the x-axis, and the different curves
corresponding to the minimum, average (random tumbling), and maximum cross sectional values obtained from
CROC in figure 4.21 and figure 4.20. The red colored curves correspond to a launch date of Dec, 2024, while the blue
curves correspond to the launch date of Dec, 2028. This is also pointed out in figure 4.23.

Launch Date: 12/2028  =«==x-- Min = = == Max —_— Ave

Launch Date: 12/2024  «+sss=- Min - = = = Max — Ave

Figure 4.23: Orbital Lifetime Chart Legend
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Figure 4.24: Configuration 1-90 OSCAR Results Figure 4.25: Configuration 1-135 OSCAR Results
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Figure 4.26: Configuration 2 OSCAR Results Figure 4.27: Configuration 3 OSCAR Results

For configuration 1, in both deployment angles, the expected cross sectional area should be between the average and
maximum cross sectional areas calculated in CROC. Therefore, even though the orbital lifetimes corresponding to
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the minimum area are slightly above the 5 year mark as seen in figure 4.24 and figure 4.25, configuration 1 should
not be expected to violate this requirement with any given number of panels or launch date as this will include the
operational mission time. This makes this type of deployment feasible for numerous missions and an easy choice to
comply with the requirement, as even satellites with failed solar array deployment will be expected to decay within
the de orbit time limit. However, with the expected drag area and a launch date of Dec 2024, mission lifetimes
can be expected to be below 1 year, limiting the time available for operations. Such short durations may suffice for
technology demonstration missions or academic projects like Delfi-Twin, ArduSat 1 [91], and AAUSat-3 [92], with
design lifetimes of upto 6 months. They may also support thermospheric research missions such as AeroCube and
Pegasus (QB50) [93].

For configurations 2 and 3, the expected cross-sectional area is likely to fall between the minimum and average values
calculated in CROC, as the panel surfaces remain parallel to the flight angle in a spin-stabilized or longitudinal spin
scenario. Both show a large range of lifetime values, with the minimum cross sections reaching beyond 10 years
in orbital lifetime for either launch date as seen in figure 4.26 and figure 4.27. This is concerning as, to meet the
de-orbit requirement for end-of-life de-orbiting passively, the mission lifetimes for these PocketQubes would need to
be planned to be really long—on the order of 5-7 years. If this isn’t possible using propulsive methods, the satellites
will require active ACS to orient the spacecraft to apply the maximum drag area possible. This won't be feasible for
satellites that fail to activate or whose attitude control system becomes inoperative due to incomplete solar panel
deployment, leaving them without sufficient power.

Therefore, these configurations are feasible for longer SAR or Earth imaging missions, such as the Dove constellation
[94] and the ICEYE constellations [95], which have intended lifetimes of 2-5 years.

Limitations of DRAMA

It is important to note that lifetimes obtained using DRAMA can be inaccurate, particularly for cases where minimum
cross-sectional areas contribute to perfect velocity alignment of the satellite. Several factors contribute to this
discrepancy. First, the satellite’s angle of attack is expected to oscillate, leading to significant deviations in the
actual drag area. Second, the drag coefficient is approximated as 2.2, whereas in reality, it can vary between 2 and
3 for CubeSats. Additionally, the drag model used in DRAMA, NRLMSISE-00, introduces further errors into the
calculation.

This inaccuracy is evident in a comparison with a known case: Delfi-PQ. When initialized with launch conditions
and TLE values, DRAMA predicts a decay date of 2024-03-15 using a randomly tumbling drag area approximation.
However, in reality, the satellite decayed on 2024-01-06, highlighting the model’s limitations.

4.3. Results

As seen throughout this chapter, the deployed configuration of solar arrays has a huge impact on the power generation
and orbital lifetime of the satellite, therefore it is necessary to identify which configuration is best for your chosen
mission based on the studies conducted. The results of the studies are summarized in this section.

1. Power Generation

Initially, a tool was developed to show the power generation at different § angles and dusk-dawn and noon-
midnight conditions. Since Sun-synchronous orbits (SSO) are widely used for current and upcoming missions,
as highlighted in [5], they are evaluated for this analysis. Given the nature of SSO orbits, it is reasonable
to assume that the  angles will experience only slight variations throughout the year. The table below
summarizes the results for this analysis, showing the most suitable configurations for the planned/expected
SSO orbit. The results from the python model were verified by using the solar panel tool in STK, the steps to
which were outlined in 4.1.3.

Condition Most Average Power

Peak Power (Pointing) 1-90, 3

Average Power (Tumbling) - Uncertain Orbit Insertion | 1-135

Average Power (Tumbling) - f < 40° 1-90

Average Power (Tumbling) - § > 40° 2,3

Table 4.6: Configurations for Different Orbit Conditions

It is important to analyze the power generation for different dates over the course of the year, as both the 8
angle, and consequently eclipse durations, vary due to the Earth’s tilt. This analysis was done by evaluating
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power generation at different points throughout the year, starting from the vernal equinox on March 20, 2024.
This observed effect was especially pronounced near ‘dusk-dawn’ orbits, with config 2, 3 and 1-135 featuring
nearly 30% declines in power generation around summer solstice in comparison to vernal equinox, but was
negligible near 'noon-midnight” orbits, with power staying constant throughout the year.

Over time, the satellite’s altitude decreases due to drag, causing a stronger ]2 effect and thus a faster RAAN
shift. Because inclination remains fairly constant, the change in RAAN is tied directly to altitude, so the f8
angle also varies more throughout the year. Due to this, and the unpredictability of rideshare mission’s orbit
insertion,Configuration 1 with 135°deployment is recommended as the choice of deployment configuration
for passive, velocity aligned PocketQubes. Alternatively, for missions with pointing capabilities, Configuration
1-90 and 3 both feature peak power generation, essential for missions requiring high data-rates for Earth
Observation (EO). However, Configuration 3 is preferable as it not only benefits from a lower moment of
inertia, enabling smaller and more efficient reaction wheels, but also allows multiple mounting locations
for the hinges, providing greater flexibility in structural design. Additionally, it improves torsional stability,
reducing deformations and enhancing overall pointing accuracy.
2. Mission Duration

Mission durations were evaluated by using European Space Agency (ESA)’s DRAMA software, designed to
study orbital decay of space debris. As realized in section 4.2.2, deployed configurations of solar arrays has a
huge impact on the de-orbit time of satellites.

Initially a sensitivity analysis was done to see where these orbital lifetimes would be at their minimum and
maximum due to the solar cycle. For an orbit insertion altitude of 500 km, the shortest orbital lifetime was
predicted for a launch date occurring 5 years into the solar cycle, while the longest lifetime was predicted
at 9 years into the solar cycle. For passively tumbling satellites, Table 4.7 summarizes the expected mission
duration and possible mission types for the configurations chosen in this study, taking into account these
minimum and maximum launch dates.

Configuration 1 90° & 135° | Configuration 2 & 3

Expected Orbital Lifetime

1.5 - 4 Years 10 - 11 Years
(Launch Date 12/2028)
Expected Orbital Lifetime
3-12 Months 9 -10 Years
(Launch Date 12/2024)
. L. Technology Demonstration | Earth Imaging
Suitable Mission Type

Thermospheric Research SAR

Table 4.7: Expected Orbital Lifetimes For Velocity Aligned PocketQubes with Suitable Mission Types

These are results for passively tumbling satellites, expecting to be spin stabilized. However, in reality, the angle
of attack defers and changes due to the aerodynamic stability of the chosen configuration, and can largely
affect the expected orbital lifetime, especially for configurations 2 and 3 where the range in values is quite large,
as visualized in figures 4.26 and 4.27. This range is particularly large because a small change in angle of attack
in these configurations translates to a large change in the drag area. Therefore, while OSCAR results suggest
10-11 years in expected orbital lifetime, realistically the lifetime should be much shorter. Another realization
during the OSCAR simulations was that orbital lifetimes for configurations with higher ballistic coefficients
were expected to be largely influenced by the launch date, while ones with small ballistic coefficients were
barely impacted.



Conclusion and Recommendations

This chapter details the conclusions arrived at throughout the research conducted on deployable solar arrays for
PocketQubes. It contains key observations and results obtained from the chapters and breaks them down with
respect to the research questions provided at the start of the thesis. Possible enhancements and recommendations
for future work are also provided, including possible additions to the design and testing considerations to aid
throughout the design process.

5.1. Conclusion

How does the deployment configuration impact the mission design of 3P Pock-

etQubes with deployable solar panels?

This research question aimed to study the impact of deployed configurations on the mission design of 3P PocketQubes,
focusing purely on the power generation capabilities and orbital lifetime. A Python model was developed to assess
power generation profiles and average orbital power for various § angles on velocity-aligned, spinning spacecraft,
as found in section 4.9. First, for peak power generation using pointing capabilities, which may be used for high
resolution cameras or high data rate transmissions, configuration 1 with 90° deployment angle and configuration 3
are favorable and able to generate 6.1 W - 9.86 W average orbital power based on the eclipse durations. Configuration
1 with a 135° deployment angle achieved the highest average orbit power under uncertain  angles. These are
largely applicable in rideshare missions, where only the altitude and sun-synchronous nature of the orbit may be
guaranteed with unexpected lighting conditions. Configurations 2 and 3 were optimal for § angles above 40°, while
Configuration 1 with a 90° deployment angle was best for angles below 40°. All configurations converged to similar
average power around f = 40°. Since $ angles remain relatively stable throughout the year due to the precessing
RAAN, these findings are extremely useful for researchers. These simulations were validated using AGI STK’s solar
panel tool, with detailed steps provided for researchers in section 4.1.3. Verification proved that the python tool was
accurate enough for preliminary EPS sizing in section 4.1.4

Due to Earth’s obliquity, § angles vary even for precessing sun-synchronous orbits. This effect was investigated in
section 4.1.5 by simulating average orbital power throughout the year in STK, beginning at the vernal equinox. For
dusk-dawn orbits, there was a 30% reduction in power generation near summer solstice for configurations 1-135°,
2 and 3, proving to have a major impact in EPS sizing for satellites. This effect was negligible for noon-midnight
orbits, as it had no impact on the eclipse times or the incident angles. These observations were consistent with the
hypothesis. Lastly, it was important to study how the orbital decay could potentially impact the sun-synchronicity of
satellites in LEO. Orbital decay was found to have little effect on the cumulative RAAN change in short-duration LEO
missions. However, for longer missions, it can significantly impact sun-synchronicity, largely affecting the expected
power generation. In conclusion, Configuration 1-90° is recommended for passively tumbling PocketQubes due to
the unpredictability of orbit insertion and changing lighting conditions throughout orbital lifetime. Configuration 3
is recommended for PocketQubes with pointing capabilities and high peak power requirements.

Orbital lifetimes were evaluated using ESA’'s DRAMA software, showing they are heavily influenced by the attitude
mode, launch dates, and launch altitudes, in addition to the deployed panel configurations. The CROC module was
used for min, max and randomly tumbling average cross sections of the bodies. These are outlined in section 4.4,
with an indication of which attitude mode they represent. A sensitivity analysis was initially performed in section
4.22 to evaluate how launch dates influence the expected orbital lifetimes, considering variations in atmospheric
density caused by the point within the 11-year solar cycle. This study was conducted from Dec 2019 - Dec 2030, as
this is the current solar cycle we are in. The study yielded that orbital lifetimes vary drastically for different launch
dates, and also that the maximum and minimum orbital lifetimes corresponding to these launch dates also vary
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for different altitudes. For example, launching at an altitude of 550km, a launch date of Dec 2026 corresponds to
the maximum lifetime, while launching at an altitude of 500km, Dec 2028 corresponds to the maximum lifetime
attainable.

Since the expected launch altitude is 500km for PocketQubes from ride-share programs, the rest of the analysis was
conducted for this altitude, and the minimum and maximum orbital lifetimes were obtained from launch dates of
Dec 2024, and Dec 2028 respectively in section 4.2.2. For the expected velocity-aligned attitude mode, Configuration
1 (for both deployment angles) yielded the smallest expected orbital lifetime, ranging from 1.5 - 4 years starting Dec
2028, and 3 - 12 months starting Dec 2024. This makes this configuration suitable for technology demonstration,
or thermosphere research missions with limited, short design lifetimes. Configuration 2 and 3 on the other hand
yielded large orbital lifetimes ranging from 10-11 years for both launch dates, proving to be better suited for longer
design lifetimes in Earth Imaging or SAR missions. It is important to note that the orbital lifetime calculations
using DRAMA prove to be inaccurate in comparison to decay times seen for past missions (Delfi-PQ, Unicorn 2).
This is due to the inaccuracy of the drag model NRLMSISE-00, the unrealistic attitude alignment expected, and
the approximations regarding drag coefficient and reflectivity coefficient. While 10-11 years is highly unlikely for
configurations 2 and 3, one can still expect these configurations to have larger mission lifetimes than configuration 1
in the velocity aligned attitude mode.

How can proven deployable solar array designs for CubeSats and other small satel-

lites be adapted to develop areliable design of deployable arrays for PocketQubes?
This research aimed to evaluate existing mechanisms for deployable structures on small satellites, and consequently
design deployable solar arrays for PocketQubes capable of achieving a configuration similar to those used on
FossaSat-2 and Unicorn-2. After an extensive qualitative assessment of industry options through a thorough literature
review, a spring-loaded deployment mechanism was selected in section 3.3.1. This mechanism features a torsion
spring hinge and a resistor-based burn wire hold-down system, best suiting the constraints and requirements posed
by the small, compact size of PocketQubes. Due to the compact nature of a z-folded wing PCB assembly, it was
necessary to determine an optimal combination of material, thickness, and spacing to prevent damaging the PV cells
and avoid contact with the deployer walls. Vibrational analysis suggested that a thickness of 1.0 mm with a spacing
of 1.4 mm yielded a structurally sound assembly, which then informed the sizing and development of the torsion
spring hinge. Additionally, COTS spacers were obtained to help minimize deformation of the panels.

Knowing the complexities of in-house manufacturing of springs, the design constraints from the PCB assembly
yielded in a COTS LTR012A 05 SS from the LEE Springs catalog to be the deployment guide, storing and providing
the spring energy to deploy the panels from their z-folded configuration. This was consequently used to model the
supporting hinge structure that would interface between the panels and the PocketQube. In total, 3 assemblies were
necessary to complete the final assembly, renders of which are visible in figures 5.1 and 5.2. Additionally, the angular
impact velocities for the hinge at the end of deployment were calculated and these exceeded 20 rad/s, requiring
explicit analysis to simulate the impact on the hinge structure. LS-Dyna simulations yielded acceptable equivalent
stresses observed for the hinges made of Al7075 alloy, with an added fillet to reduce the localized stresses near a 90
degree corner. Finally vibrational analysis was done on the entire stowed array assembly, representing the launch
conditions experienced with a conservative PSD profile obtained from the GEVS qualification standard. While the
equivalent stresses observed in the hinges and PCB were acceptable, the deformation observed yielded that the outer
hinges have a large probability of colliding with the inner deployer wall. This calls for additional tie-down cables, or
additional damping within the PCB substrates through the use of viscoelastic tapes.

HP2PQ 1
HP2PQ 2

Figure 5.1: Render of Deployable Arrays - Deployed Figure 5.2: Render of Deployable Arrays - Stowed

Mass and cost budgets were developed for the final assembly to compare it to industry solutions for the larger
CubeSat format. The mass budget yielded a total mass of 204.8g for two 4-panel assemblies, and a specific power of
96.2 W /kg, which places it right around the two best deployable rigid arrays for CubeSats found in NASA’s Power
State of The Art report from 2021, Blue Canyon Technologies’ 3U Quadruple Array (108 W/kg) and Ecuadorian
Space Agency’s 1U DSA /1A (107 W/kg). The total estimated procurement cost of 1480 Euro was also obtained,
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which is relatively high excluding man hours. However, this could be greatly reduced with larger order quantities
for formation flying missions accommodating multiple PocketQubes.

5.2. Recommendation for Future Work

1. Reducing Assembly Mass with Thinner PCBs and Viscoelastic Stiffeners:

Throughout the design process, it became evident that multi-panels assemblies consisting of 3-4 panels are
subject to large deformations and bending due to the vibrational loads experienced during launch. These
PCBs that support the solar cells are the largest contributing masses to the deployable arrays. For the design
presented in chapter 3, they are approximately 84% of the mass of the final assembly, and 15.9% of the
maximum 3P PocketQube launch mass of 750g. Application of viscoelastic tapes or stiffener material on
PCBs to reduce the dynamic board deflection is a way to incorporate thinner PCBs and reduce the overall
system mass. This is pursued in [36], where they incorporate 3M 966 acrylic tape that are subjected to shear
deformation such that the constrained viscoelastic layers dissipate vibration energy. These tapes are also
visible on Unicorn 2 satellites.
2. Thermal Analysis of Deployed Configurations:

Deployable solar panels often face dramatic temperature swings as they move between sunlight and shadow.
These shifts can cause the panels, hinges, and springs to expand and contract, leading to stress, bending, or
even vibrations. A thermal analysis is important to find out which materials, coatings, or active controls
can help lessen these temperature swings and mitigate structural concerns. It’s also useful to examine the
temperature differences across the panels to decide on the best way to implement Maximum Power Point
Tracking (MPPT). MPPT helps optimize power output by taking into account the temperature and irradience on
the panels. If there are large temperature differences, individual MPPT units might be needed; if temperatures
are similar, a single MPPT per array could simplify the setup.
3. Improvement in DRAMA Model:

In orbital lifetime analysis in chapter 4, the spacecraft were featured as velocity aligned, spin-stabilized bodies.
However, in reality, the aspect angle in flight varies due to instability, and the limitations imposed by passive
magnetic stabilization attribute to these instabilities. Due to this, the satellite bodies are subject to varying
cross-sections, changing the expected orbital lifetimes calculated within DRAMA. The type of configuration
directly attributes to the change in angle of attack, as studied in [96]. As mentioned previously, this can have
quite large impact on configurations 2 and 3, as a small change in angle of attack results in a large change in
cross sectional area. Additionally, the simulation needs to be improved to match observed lifetimes of past
missions. This can be done by adding a multiplier to the expected ballistic coefficient for different attitude
modes and matching the simulation results to real life missions.
4. Incorporation of additional systems within Design:

(a) The release mechanism selected within the trade-off requires an additional information circuit involving
a deployment switch. Incorporation of a deployment switch had not been assessed within the thesis,
but serves as a critical point in the electrical setup of the solar arrays as the power supplied to the burn
resistors needs to be turned off after deployment to prevent overheating.

(b) Addition of IMUs, gyroscopes and radio antennas can also be assessed, getting rid of the need of
additional deployable assemblies to support these systems. Typically, one or more subsystems are
provided as options in COTS solar arrays provided by suppliers such as NanoAvionics and Endurosat
[97] [98].

5. Development Testing: Development tests are performed to support the design feasibility and to assist in the
evolution of design. A few development tests can assist in design of deployable solar arrays

(a) Hinge Screws Pullout Tests: The hinges used to separate the 1mm stacked PCBs are limited to a thickness
of 0.7mm, significantly haltering thread engagement. By simulating the tensile forces experienced at the
impact moment in deployment, one can conduct pullout tests for the screws, and see at what loads they
are subject to fail.

(b) Release Function Tests: [32] describes a test setup used to assess the functionality of release mechanisms,
focusing on both the release times and the deployment speed of the panels. These tests are crucial for
validating burn-wires and can be conducted with varying thicknesses and numbers of windings on
the tie-down cable to determine how they affect release times. Typically, such tests can be performed
under ambient conditions because the temperature needed to sever the tie-down cable is well above
the expected operational environment. However, it is advisable to conduct the test in a thermal
chamber at temperatures ranging from —40°C to +80°C (or other extremes based on thermal analysis), as
demonstrated with the double-deployed panel prototypes by AAC Clyde Space [64].

A dedicated release circuit on the PocketQube is not strictly necessary; an external power supply can be
connected to the burn wires at the expected current and voltage. In addition to verifying release times,
these tests help confirm that the hinges are designed with adequate clearance between the shaft and
the hinge holes—since any misalignment from manufacturing or assembly could result in deployment
failures. Release testing also indicates whether stronger torsion springs or lubricants might be needed.
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Although a 1g environment introduces friction forces that are absent in microgravity, successful 1g tests
still provide confidence in the system’s feasibility for space applications.
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Figure A.2: Cell Dimensions

Figure A.1: Azur Space 3G30C
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A.2. PCB Design

Material TC (W/m-K) CTE (ppm/°C) | Tg (°C)
Al203 96% 25 6.4 350
AIN 170 5.6 1726
BeO 99.5% 150-285 9 N/A
VT-5a2 Z:22,X/Y:3.4 45 190
1S400 0.36 | Z:50,X/Y:13/14 150
370HR 0.4 |Z:45,X/Y:13/14 180
FR406N 0.3-0.4 | Z: 60, X/Y:13/14 170
RO4003C 05| 7Z:46,X/Y:11/14 280
RO4835 0.66 35 N/A
Kapton HN 0.2 20 N/A
Isola P95 0.4 | Z:55,X/Y:13/14 260

Table A.1: Thermal Conductivity and Coefficient of Thermal Expansion of Substrate Materials

Table A.2: Elastic Properties

Category Material Density (g/cm”3) Young’s Modulus | Poisson’s Ratio
(GPa) (Length  Direc-
tion)
Ceramic A1203 96% 3.80 300 0.22
AIN 3.20 320 0.27
BeO 99.5% 2.85 345 0.26
VT-5a2 2.20 20 0.17
Mid-Tg Fr-4 1S400 1.85 25.3 0.183
High-Tg Fr-4 370HR 1.86 25.8 0.177
FR406N 1.85 254 0.191
PTFE (Teflon) R0O4003C 1.79 19.65 0.46
RO4835 1.92 7.78 0.46
Polymide Kapton HN 1.42 2.5 0.34
Isola P95 1.43 27.2 0.187
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Substrate Mass Flexural Mode 1 (Hz)
Rigidity

Al120396% | 38.02 | 51.312 232.18
AIN 32.02 | 56.179 264.74
BeO 99.5% | 28.51 | 60.223 290.45
VT-5a2 18.51 | 3.352 85.05
1S400 18.51 | 4.261 95.89
370HR 18.61 | 4.335 96.46
FR406N 18.51 | 4.291 96.22
RO4003C 17.91 | 4.057 95.12
RO4835 19.21 | 1.606 57.79
Kapton HN | 14.21 | 0.460 35.97
Isola P95 14.31 | 4.588 113.17

Table A.3: Natural Frequency of Simply Supported Rectangular Plate

A.2.1. PCB Thickness and Spacing Analysis Mode Shapes

Figure A.3: Mode Shape 1

Figure A.4: Mode Shape 2
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Figure A.5: Mode Shape 3

Figure A.6: Mode Shape 4

Figure A.7: Mode Shape 5

A.3. DRAMA Code

import drama

from drama import oscar

import datetime

import pandas as pd

import matplotlib.pyplot as plt

mass_to_panels = {
0.5744: 2,
0.6038: 4,
0.6332: 6,
0.6626: 8
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results_by_date = {
datetime.datetime(2024, 12, 1): {"min": [], "ave": []1, "max": []},

datetime.datetime(2028, 12, 1): {"min": [], "ave": [], "max": []}
}
year_color_map = {
2024: "red",
2028: "blue"
}
line_style_map = {
"min": ":",
"ave": "-",
"max": "--"
}
if __name__ == '__main__':
configs = [
{'mass': 0.5744, 'cross_section': 0.0027},
{'mass': 0.5744, 'cross_section': 0.0167},
{'mass': 0.5744, 'cross_section': 0.0264},
{'mass': 0.6038, 'cross_section': 0.0028},
{'mass': 0.6038, 'cross_section': 0.024},
{'mass': 0.6038, 'cross_section': 0.0426},
{'mass': 0.6332, 'cross_section': 0.0029},
{'mass': 0.6332, 'cross_section': 0.0316},
{'mass': 0.6332, 'cross_section': 0.0588},
{'mass': 0.6626, 'cross_section': 0.003},
{'mass': 0.6626, 'cross_section': 0.0395},
{'mass': 0.6626, 'cross_section': 0.075}
]
base_config = {
'ecc': 1.0E-4,
'inc': 97.5,
'raan': O,
'aop': O,
'ma': 0,

'drag_coefficient': 2.2,
'reflectivity_coefficient': 1.3,
'disposal_option': 4,
'lifetime_limit': 25,
'generate_oad_plot': 0

for launch_date in results_by_date.keys():
for idx, config in enumerate(configs):
specific_config = base_config.copy()
specific_config.update(config)
specific_config['sma'] = 6878
specific_config['epoch'] = launch_date

result = oscar.run(
config=specific_config,
project=r"C:\\Users\\divya\\Desktop\\Master_Thesis\\Drana\\NEW\\NEW",
save_output_dirs=None,
parallel=True,
ncpus=8,
timeout=None,
keep_output_files="'summary',
trajectory=True,
spell_check=True,
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geo_cross=False

)

trajectory_data = result['results'][0]['trajectory']

time_list = [
datetime.datetime.strptime(entry['epoch'], '%Y-%m-%d %H:%M:%S"')
for entry in trajectory_data

]
total_deorbit_time_years = (time_list[-1] - time_list[0]).days / 365
current_label = ["min", "ave", "max"][idx % 3]

current_panels = mass_to_panels[config['mass']]
results_by_date[launch_date] [current_label].append((current_panels,
— total_deorbit_time_years))

plt.figure(figsize=(6, 4.5))
for launch_date, times_data in results_by_date.items():
year = launch_date.year
color = year_color_map[year]
for label in ["min", "ave", "max"]:
x_vals = [item[0] for item in times_data[label]]
y_vals = [item[1] for item in times_data[label]]
style = line_style_map[label]
plt.plot(x_vals, y_vals, marker='x', color=color, linestyle=style,
— label=f"{year}-{label}")

low, high = plt.ylim(Q
if high < 5:

high = 6
plt.ylim(low, high)
plt.axhspan(5, high, facecolor='yellow', alpha=0.2)
plt.axhline(y=5, color='black', linestyle='--', linewidth=1)
plt.xlabel ("Number of Panels")
plt.ylabel("Total Time to Deorbit (years)")
plt.title("Config 3 Deorbit Time For Different Launch Dates")
plt.xticks([2, 4, 6, 8])
plt.grid(True)
plt.tight_layout()
plt.show()

A.4. Power Generation Model

A.4.1. Power Generation Spin Stabilized

import numpy as np

import math

import trimesh

from trimesh.ray.ray_triangle import RayMeshIntersector
import matplotlib.pyplot as plt

import pandas as pd

# Load the mesh from a PLY file
mesh = trimesh.load('C:/Users/divya/Documents/Thesis_Blend/Python_NModel/Config_1-4-90.ply"')

# Alignment matrix to rotate the mesh (+Z to [0, -1, 0], 90 degrees around X-axis)
alignment_matrix = np.array([
[11 07 ®1 ®]’

[01 07 _1! ®]!
e, 1, o, 01,
[®1 07 ®1 1]

D
aligned_mesh = mesh.copy()
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aligned_mesh.apply_transform(alignment_matrix)

# Verify mesh
print(f"Loaded mesh with {len(mesh.vertices)} vertices and {len(mesh.faces)} faces.")

# Define active and inactive surfaces

active_color = np.array([254, 0, 0O, 255], dtype=np.uint8) # Red

inactive_color = np.array([0®, O, 254, 255], dtype=np.uint8) # Blue
is_active_vertex = np.all(mesh.visual.vertex_colors == active_color, axis=1)
is_inactive_vertex = np.all(mesh.visual.vertex_colors == inactive_color, axis=1)
active_vertex_indices = np.where(is_active_vertex)[0]

inactive_vertex_indices = np.where(is_inactive_vertex)[0]

# Print the count of active and inactive vertices
print(£f"Number of active vertices: {len(active_vertex_indices)}")
print (£"Number of inactive vertices: {len(inactive_vertex_indices)}")

# Map vertices to faces for active and inactive surfaces
active_face_mask = np.all(np.isin(mesh.faces, active_vertex_indices), axis=1)
inactive_face_mask = np.all(np.isin(mesh.faces, inactive_vertex_indices), axis=1)

# Extract active and inactive faces
active_face_indices = np.where(active_face_mask)[0]
inactive_face_indices = np.where(inactive_face_mask)[0]

# Create submeshes for active and inactive parts
active_mesh = mesh.submesh([active_face_indices], append=True)
inactive_mesh = mesh.submesh([inactive_face_indices], append=True)

# Print the count of active and inactive faces
print (£"Number of active faces: {len(active_face_indices)}")
print (£"Number of inactive faces: {len(inactive_face_indices)}")

# Function for rotation around the X-axis
def rotation_matrix_x(theta):
return np.array([
[1, 0, 0],
[0, np.cos(theta), -np.sin(theta)],
[0, np.sin(theta), np.cos(theta)]
D

# Function for rotation around the Z-axis
def rotation_matrix_z(theta):
return np.array([
[np.cos(theta), np.sin(theta), 0],
[-np.sin(theta), np.cos(theta), 0],
[0, 0, 1]
D

# Apply rotations to the mesh based on given angles
def apply_rotations(mesh, theta_L, theta_S):
R = rotation_matrix_z(theta_S) @ rotation_matrix_x(theta_L)
T = np.eye(4)
T[:3, :3] =R
rotated_mesh = mesh.copy()
rotated_mesh.apply_transform(T)
return rotated_mesh

# Calculate power
def calculate_power(rotated_full_mesh, rotated_active_mesh, sun_direction, panel_efficiency,
— dirradiance=1361):

intersector = RayMeshIntersector(rotated_full_mesh)

face_centers = rotated_active_mesh.triangles_center
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normals = rotated_active_mesh.face_normals
origins = face_centers + normals * le-6
directions = np.tile(sun_direction, (origins.shape[0], 1))

locations, index_ray, index_tri = intersector.intersects_location(
ray_origins=origins,
ray_directions=directions,
multiple_hits=False

is_hit = np.zeros(len(origins), dtype=bool)
is_hit[index_ray] = True
illuminated_faces = np.logical_not(is_hit)

cos_theta = np.dot(normals, sun_direction)

cos_theta = np.clip(cos_theta, 0, 1)

face_areas = rotated_active_mesh.area_faces

power = np.sum(panel_efficiency * irradiance * face_areas * cos_theta * illuminated_faces)

return power

# Define Orbital Parameters and Constants
G =6.674 * 10**-11 # (m*3 kg*-1 s*-2)
M_E = 5.972 * 10**24 # (kg)

earth_radius = 6371 * 10%*3 # m
orbital_altitude = 500 * 10%*3 # m
beta_angle = 0 # Angle in degrees
panel_efficiency = 0.3

# Calculate total orbital time

semi_major_axis = earth_radius + orbital_altitude # a = R_.E + h

total_orbit_time = 2 * math.pi * math.sqrt(semi_major_axis**3 / (G * M_E)) # T = 2(a®/GM)
num_orbits = 1

# Calculate beta_star
beta_star = math.degrees(math.asin(earth_radius / semi_major_axis)) # * = sin?(Re / (Re + h))

# Calculate f_e (fraction of orbit in eclipse) with degrees
if abs(beta_angle) < beta_star:
f e = (1/ 180) * math.degrees(math.acos(
math.sqrt(orbital_altitude**2 + 2 * earth_radius * orbital_altitude) /
(semi_major_axis * math.cos(math.radians(beta_angle))) # Ensure beta_angle is treated
— 1in degrees
)
else:
fe=0 # No eclipse if []

# Calculate eclipse time
eclipse_time = total_orbit_time * f_e

sunlit_phase = set(range(int(eclipse_time/2),int((eclipse_time/2) +
— (total_orbit_time-eclipse_time))))

# Time steps for the simulation

time_steps = np.arange(0, num_orbits*total_orbit_time, 1)

# Rotation rates
rotation_rate_long_axis = np.radians(10)

rotation_rate_short_axis = np.radians(360 / total_orbit_time)

# Track power over time
power_over_time = []

# Sun direction
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beta_angle_rad = np.radians(beta_angle)
sun_direction = np.array([0, 1, 0])
sun_direction = rotation_matrix_x(beta_angle_rad) @ sun_direction

# Simulate power generation over one orbit
for t in time_steps:
#Map the current time to a single orbit
t_mod= int(t % total_orbit_time)
if t_mod in sunlit_phase:
theta_L = rotation_rate_long_axis * t
theta_S = rotation_rate_short_axis * t

rotated_full _mesh = apply_rotations(mesh, theta_L, theta_S)
rotated_active_mesh = apply_rotations(active_mesh, theta_L, theta_S)

power = calculate_power(rotated_full_mesh, rotated_active_mesh, sun_direction,
— panel_efficiency)
power_over_time.append(power)
else:
power_over_time.append(0)

# Plot power generation over time

plt.figure(figsize=(12, 6))

plt.plot(time_steps, power_over_time, label='Power Generation with Shadows')
plt.xlabel('Time (seconds)')

plt.ylabel('Power Generated (W)')

plt.title('Power Generation Over One Orbital Period Config 1-90-4')
plt.legend()

plt.grid(True)

plt.show()

# Calculate and display average and peak power
average_power = np.mean(power_over_time)

peak_power = np.max(power_over_time)

print(f"Average Power Generation: {average_power:.2f} W")
print (f"Peak Power Generation: {peak_power:.2f} W'")

# Save power data to an Excel file

# power_data = pd.DataFrame({'Time (s)': time_steps, 'Power (W)': power_over_time})

#

— power_data.to_excel('C:/Users/divya/Desktop/Master_Thesis/Configuration_Trade-0ff/power_gend
— 1Index=False)

ration_over_tim
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A.4.2. Power Generation Plots, Single Orbit
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Figure A.8: Config 1 135 Power Generation Python, Single Orbit
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Figure A.9: Config 1 90 Power Generation Python, Single Orbit
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Figure A.10: Config 2 Power Generation Python, Single Orbit
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Power Generation Over One Orbital Period Config 3-4
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Figure A.11: Config 3 Power Generation Python, Single Orbit

A.4.3. RAAN Precession Rate Inclination & Altitude Combination
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Figure A.12: Altitude & Inclination for advised RAAN Precession

A.5. STK Power Generation
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A.5.1. Tumbling and Sun-Pointing Settings in STK

Basic

Type:  |Precessing Spin ~

Body Spin Axis Precession Axis
Type: |Cartesian Type: |PR Angles
X 1.000000e+00 Yaw: 0 deg

¥ 0 Pitch: 90 deg

e | le
e le @ -

zZ 0 Roll: 0deg

Sequence: VPR

Reference Axes:  Satellitel ICR Select...

Precession Spin
Rate: 0 revs/min Ll Rate: 166667 revs/min |

Offset: 0deg g Offset:  0deg L)
Epoch: | © 10 Sep 2024 10:00:00.000 UTCG =

Nutation Angle: 0 deg @

oy . L -

(a) PocketQube Tumbling Around Velocity Vector (b) STK Settings for Tumbling

Figure A.13: STK Environment for Tumbling

Basic

Type: |Spin about Sun vector ~

Spin Rate: 0 revs/min @
Spin Offset: 0deg @
Epoch: @ 10 Sep 2024 10:00:00.000 UTCG -

(a) PocketQube Sun Pointing (b) STK Setting for Sun-Pointing

Figure A.14: STK Environment for Sun-Pointing

A.5.2. Settings for Spin Stabilized Tumbling and Sun-pointing
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Ab3.

STK Power Plots
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Figure A.17: Configl (90°) Sun-Pointing Figure A.18: Configl (90°) Tumbling

Figure A.19: Configuration 1 (45°) & Configuration 1 (90°)
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Figure A.20: Config2 Sun-Pointing Figure A.21: Config2 Tumbling
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Figure A.22: Config3 Sun-Pointing Figure A.23: Config3 Tumbling

Figure A.24: Configurations 2 & 3

A.6. Tape Spring Calculation
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Storage of Strain Energy

The stored strain energy during the folding and bending of tape springs is a crucial parameter for their design and
implementation in deployable appendages. The strain energy per unit surface area can be related to changes in
curvature, with the assumption that torsion is neglected:

Q 1
H)=[h "y

Figure A.26: Tape Spring Bend Parameters

N| T

e= (kl2 +vi? + 2vklkt) (A1)
where:

® kj and k; are the changes in longitudinal and transverse curvatures, respectively,

* v is Poisson’s ratio,

¢ D is the flexural rigidity.

The signs in the equation indicate:

¢ -+ for equal sense bending,
e — for opposite sense bending.

To determine the strain energy, it is necessary to calculate the changes in curvature. The changes in longitudinal and
transverse curvatures are given by:

1
kj == A2
1=z (A2)
Ky =+t (A3)
t=Eg .
where:
e 1 is the final longitudinal radius of curvature,
¢ R is the initial transverse radius of curvature,
® + corresponds to equal sense loading,
[ )

— corresponds to opposite sense loading.

From the generalized Hooke’s law for shell elements, the moment-curvature relationship is described as:

1 Et3 1 v
= () =3 o

where:

¢ Eis Young’s modulus,
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e tis the thickness of the tape spring,
* —sign corresponds to equal sense, and + sign corresponds to opposite sense.

The analytical solution for the strain energy is shown to be a pretty accurate representation of experimental data

as presented by [99] up until the point of snapback. The snapback is a non-linear phenomena that can be studied
further with an experiment driven design approach.

A.7. GEVS Profile

Frequency [Hz] | G Acceleration [G%/Hz]
20 2.6e-002
50 0.16
800 0.16
2000 2.6e-002

Table A.4: Random Vibration Profile

A.8. Hinge
A.8.1. Hinge Material
Aluminum Al-| BeCu (17200) Titanium  Al-| Stainless Steel
loys (7075) loys (Ti-6Al) (302/304)
Yield Strength | 462 532.5 880 215
(MPa)
Modulus of Elastic-| 71.7 127 113.8 193
ity (GPa)
Density (kg/m”3) | 2810 8250 4430 8000
Strength-to- 164413 64545 26875
weight (Nm/kg)
Machinability Fair Good Poor Generally | Good
Corrosion Resis-| Good Good Fair
tance
Cost Low High Low

Table A.5: Comparison of Material Properties
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A.9. Final COTS Parts
Item Dimensions Material Supplier Part No.
M1 Screws Thread Diameter: M1 AISI 302 | McMasterCarr 91800A050
Thread Step: 0.25mm
Length: 2.0mm
M1.2 Screws Thread Diameter: M1.2 AISI 303 | McMasterCarr 91800A077
Thread Step: 0.25mm
Length: 3.0mm
M1.6 Shoulder Screw Shoulder Length: 12mm AISI 304 | McMasterCarr | 90270A223
Thread Diameter: 1.6mm
Shoulder Diameter: 2.0mm
M1.6 Hexagon LockNut | Thread Diameter: 1.6mm AISI 304 Accu HNN-M1.6-A2
Total Diameter: 2.7mm
Thickness: 1.7mm
M1 Threaded Insert Diameter: 2.1mm 6061-T6 PEM MSIA-M1-100

Length: 1.0mm

Table A.6: COTS Parts and Suppliers
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