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Abstract

Ensuring the sustainability of future space missions and maintaining continuous access to
space necessitates a serious and proactive approach to addressing the space debris dilemma.
Failure to mitigate the proliferation of space debris poses a significant threat to future space
endeavours. One crucial measure that space agencies can undertake is actively protect-
ing against space debris by implementing collision avoidance manoeuvres (CAMs). This
non-invasive technique allows manoeuvring satellites to deviate from their orbits, thereby
avoiding potential collisions, by increasing the miss distance between themselves and other
objects. This thesis focuses on researching methods to perform such manoeuvres, with a
particular emphasis on the guidance and control systems of manoeuvrable vehicles. The
Starlink constellation is used in this research as a reference scenario, considering its popular-
ity and extensive development, although the developed system is applicable to any satellite.
The core of achieving successful manoeuvres lies in the creation of a robust guidance system.
This system integrates convex optimisation algorithms with reference tracking mechanisms,
enabling the autonomous execution of CAMs to be both robust and fuel-efficient. By using a
convex guidance approach, optimal fuel trajectories are determined, while ensuring adher-
ence to predefined reference paths and constraints such as keep-out sphere and available
thrust. Rigorous testing across diverse conditions showcases the system’s suitability for satel-
lites of varying characteristics (trajectory, propulsion type, size and more). For both state and
attitude correction, linear quadratic regulator (LQR) controllers are employed. The first LQR
controller is designed for trajectory tracking, with adaptable penalty weights tailored to dif-
ferent orbit sequences. The second LQR controller corrects attitude in the control sequence.
Different scenarios are analysed in terms of trajectory profile, propulsion types and more,
revealing that low-thrust manoeuvres with constant capabilities yield the most optimal ma-
noeuvring scenarios (minimal fuel usage and desired miss distance). Furthermore, it has
been discovered that the conduction of constant tracking was not a viable option, due to its
significant fuel consumption and the limitations in terms of propulsion characteristics it in-
troduced. The fuel usage was deemed excessive for manoeuvres that may occur frequently,
a trend anticipated to intensify in the future. Although the outcomes of the research mark a
significant advancement in space debris mitigation and contribute to improving space sus-
tainability, further research and development are encouraged, to allow improvement in the
field of space debris mitigation. For instance, this specific work could incorporate additional
elements to better represent real-life scenarios, such as including more space debris or en-
vironmental perturbations in the analysis, and improving the manoeuvring sequences by
including several manoeuvre scenarios.
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CHAPTER

|

Introduction

From the first ever satellite successfully placed in orbit, Sputnik 1, in 1957, the number of
objects in space never stopped increasing and is accumulating at a more rapid rate than it
ever did. To provide context, in 2024, the number of tracked objects stands at approximately
45,500, whereas there were roughly 10,000 objects in 2004, just two decades ago. The accu-
mulation of debris over the last two decades, in the low-Earth orbit (LEO) and Geostationary
orbit (GEO) can be observed in Figure 1.1. The reason for such accumulation can be at-
tributed primarily to two key factors: catastrophic collisions and the expanding use of space.

To start with, a series of catastrophic events, which took place in the past 20 years, drasti-
cally expanded the number of tracked objects in space. Events, such as the 2007 Fengyun-1C
Chinese anti-satellite (ASAT) test alone, increased the number of trackable debris by 25%.
Additionally, the emerging NewSpace era is also directly increasing the occupation of LEO,
which will in turn boost the number of debris in space in the near future. For example,
SpaceX, through their Starlink mega-constellation, has the objective of placing more than
40,000 satellites in orbit around Earth, providing a large satellite Internet access coverage,
largely contributing to space pollution.

As the number of objects in space goes up, so does the likelihood of collisions, result-
ing in more frequent collisions and the creation of additional debris. This phenomenon,
first defined by Donald J. Kessler in 1978, indicates that once a specific critical threshold is
reached, the accumulation of space debris will continue to grow in a self-sustaining manner

Figure 1.1: Evolution of the number of objects in LEO and GEO from 2004 (left) to 2024 (right). Constructed from two-line
elements (TLEs) taken from Space-Track!.

lSpace—Track, Satellite catalogue, https:/ /www.space-track.org/ [Last visited on 01/02/2024].
2European Space Agency, About space debris, https://www.esa.int/Space_Safety/Space_Debris/About_space_debris
[Last visited on 23/10/2023].
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(Kessler et al., 2010). Collisions not only produce more debris but also trigger subsequent
collisions, setting off a chain reaction, which can pose a significant threat to the future of
space exploration. This phenomenon, now referred to as the Kessler syndrome, highlights
the urgency to improve research on the matter and put resources into solving such problems
to guarantee the future of space exploration. For this reason, engineers are becoming more
interested in studying conjunctions and developing ways to prevent them. This thesis will
be part of such research and will have as its main objective to develop a technology capable
of mitigating such conjunctions, allowing space to remain accessible.

To achieve the latter objective, conducting a comprehensive literature review is cru-
cial for exploring this issue, bridging existing knowledge gaps, and comprehending strate-
gies for CAM. Such a study has been conducted and enabled to find a gap in the literature,
which could be filled to improve scientific research on the matter of collision avoidance.
The specifics of this investigation will be compiled in Chapter 2, laying the foundation for
this Master of Science (MSc) thesis research. Based on this analysis, it can be deduced that
two primary technologies have the potential to address the problem of space debris prolifer-
ation: removing the debris through active debris removal and implementing CAM to prevent
collisions. As the number of debris increases, so does the need for manoeuvres; on average,
each of the European Space Agency’s (ESA) Earth-orbiting satellites requires approximately
two manoeuvres each year’. As human activity in space increases, manual planning of CAMs
will become impractical. For this reason, developing a technology capable of automating
these processes is crucial for safeguarding the future of space exploration. This study will
focus on this objective, incorporating an analysis of the guidance and control of satellites.
An extensive review of the literature suggests that further investigation into the potential of
convex optimisation in the guidance sequences for collision avoidance could be highly ben-
eficial. Given its widespread usage, convex optimisation appears to be an ideal candidate for
this application. Consequently, this research will analyse its effects and development in con-
junction with the development of an optimal attitude control sequence. The main research
question of this thesis work can thus be formulated as follows:

To what extent would the use of convex optimisation-based guidance, increase the ro-
bustness, safety, and efficiency of an autonomous orbit control, for the space debris colli-
sion avoidance of mega-constellations?

To address this research question, several subquestions will be introduced and answered
throughout the thesis work.

e Which environmental models should be included and with which accuracy, to meet the
operational and central processing unit (CPU) load requirements?

* How can a guidance system be modelled and simulated?
* How can a control system be modelled and simulated?

e Which type of guidance system would offer the best combination of robustness, safety,
and fuel efficiency?

o What are the limitations of the developed guidance system on the satellite’s propulsion
capabilities?

3European Space Agency, FAQ: Frequently asked questions, https:/ /www.esa.int/Space_Safety/Space_Debris/FAQ_Freq
uently_asked_questions [Last visited on 01/10/2023].
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* Which objective function, state, and control constraints should be set for this specific
mission?

* What are the necessary steps included in a conjunction analysis?

* Would the algorithm be capable of redirecting the satellite in case divergence from the
optimal path is observed?

Following this, the research objective for the MSc thesis can be outlined as follows:

Investigating the possible design and development of a robust guidance algorithm ca-
pable of efficiently executing collision avoidance manoeuvre, analysing its limitations,
and potential integration with a control system.

The work report has been constructed in such a way that all these subquestions can be
addressed throughout the different chapters. To start with, as already introduced earlier, the
mission heritage, and thus most outcomes of the literature study will be introduced in Chap-
ter 2. In this chapter, the emerging space debris problem and the specifics behind the space
debris environment will be investigated. This chapter will lay the foundation of space situ-
ational awareness (SSA) and more importantly the specifics of debris populations and their
growth. Additionally, the technologies used nowadays to prevent collisions will be touched
upon (both active and passive), together with some examples of successful on-orbit execu-
tions. Then, the details behind the importance of mega-constellations will be described,
together with some relevant work from Delft University of Technology (DUT). This chapter
will then conclude with an overview of the reference scenario’s specifics. From this first part
of the study, the need for research on an onboard robust safety system for satellites with the
main role of avoiding potential conjunctions can be perceived. This will be the focus of the
remaining chapters of this report; each will introduce the essential theory, and development
specifics and will present the relevant results obtained throughout the thesis work.

After the introduction of the mission heritage specifics, the next step in such research work
is to lay the basics of flight dynamics. This will be performed in Chapter 3, in which the
theory and working principles of flight dynamics will all be introduced. These include de-
scriptions of the different reference frames and state variables that will be used throughout
the work but also a thorough description of the space environment that will be used during
simulations. Using this information, the necessary equations of motion (EOMs) dictating
the satellite’s state will be introduced. This chapter serves as a foundational resource for
readers, providing an introduction to conventions and basic theory, thus establishing the
groundwork for the remainder of the research.

Once the basis has been introduced, chapter specifics to the work at hand will be presented.
To start with, a comprehensive introduction to conjunction analysis will be presented in
Chapter 4. This analysis will cover all the essential aspects involved in conducting a conjunc-
tion analysis, encompassing procedures for retrieving requisite data, processing the data,
conducting conjunction detection, and addressing mission-specific considerations.
Subsequent to this analysis, the fully developed guidance system, designed to facilitate ad-
justments to the satellite’s state as required, will be presented in Chapter 5. This will include
all the necessary theory linked with the algorithms used in this sequence as well as details
concerning CAMs and the prescribed steps for achieving comprehensive, precise, and suc-
cessful guidance. The output generated by the guidance system is crucially relevant and
serves as an input to the control sequence.
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Similarly, as for the guidance sequence, all details related to attitude control will be out-
lined in Chapter 6. These specifics include not only the used controller and its development,
but also specifics behind the required actuators. Upon the introduction of both the guid-
ance and control sequences, detailed information regarding the entire simulation develop-
ment and execution will be provided in Chapter 7. This chapter will encompass comprehen-
sive details of the simulation architecture, alongside the various steps executed to ensure
thorough verification of the entire model. Then, in Chapter 8, the results of the entire re-
search work will be presented together with their relevant evaluation and description. After
highlighting the results, the research questions will be answered together with a comprehen-
sive discussion on the entire project, and the presentation of recommendations will be con-
ducted in Chapter 9. To finish with, Appendix A will present the theory behind the various
numerical methods used throughout the simulation and Appendix B will give an overview of
the different simulation files and libraries, how to access them, facilitating the reproduction
and continuation of this research.



CHAPTER

2

Mission Heritage

This chapter marks the genesis of the research by introducing the basis required to define the
mission objective and its characteristics. Prior to commencing this thesis project, an exten-
sive and thorough literature review was undertaken, during which comprehensive knowl-
edge was gathered, gaps in knowledge were identified, and the main objectives of the re-
search were clarified. Fundamental information about the space debris environment, along
with some data regarding the quantity of debris present in space and their evolution will be
gathered in Section 2.1. From this overview, the need for debris mitigation guidelines will
be highlighted. The guidelines that have been put into place to perform prevention and re-
duce space debris proliferation in the future, will be presented in Section 2.2. Subsequently,
in Section 2.3, the different concepts employed to detect, track and catalogue debris will be
introduced. Such methods play a pivotal role in enabling continuous space surveillance and
detecting conjunctions. This will be followed by Section 2.4, in which an introduction to
several collision risk assessment methods, and details on some past real-life CAM scenarios
can be found. This section is dedicated to the collection of historical insights about CAMs,
focusing on identifying areas of limited knowledge and potential improvements. The multi-
plication of space debris has emerged as a significant issue that has garnered increasing at-
tention among scientists and engineers in recent years. With a shared objective of mitigating
this problem, researchers and students at DUT have undertaken efforts to explore potential
solutions and technological advancements related to this matter. In Section 2.5, several of
these developments, particularly relevant to the thesis work, will be presented. To conclude
this chapter, the definition of the reference mission and vehicle in Section 2.6 as well as the
mission requirements in Section 2.7, will be introduced. An overview of the different topics
that will be discussed in this section has been displayed in Figure 2.1.

Space debris Space debris Collision avoidance Space
environment mitigation manoeuvres surveillance
Relevant Reference Mlzs;otg;nd
DUT work scenario y
requirements

Figure 2.1: Overview of the mission heritage chapter’s layout.
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2.1 Space Debris Environment

Today, space is being polluted more than ever by a large number of debris. According to
ESA Space Debris Office (2023), there would currently be 34,000 objects greater than 10 cm,
900,000 objects from 1 cm to 10 cm and finally, 128 million objects from 1 mm to 1 cm, orbit-
ing Earth. Through collisions, these debris particles create additional fragments, increasing
the debris population and subsequently, the probability of collision. To treat the problem at
the source, it is important to gain insight into the origin of space debris (Section 2.1.1), but
also identify where most debris originates from, by learning about the events responsible for
their creation (Section 2.1.2), and their impact on space evolution (Section 2.1.3).

2.1.1 Space Debris Genesis

Space debris comes in all shapes and sizes. They are characterised as any artificial objects
created by humans, being no longer operational. Some directly originate from large ob-
jects, such as parts of satellites, and abandoned or non-functioning vehicles, and others from
small objects, which are often the direct result of fragmentation events or vehicle degrada-
tion. The ever-increasing number of space debris mainly results from two phenomena: the
expanding number of space launches, which has doubled in the past 20 years (ESA Space
Debris Office, 2023), and the chain reactions that occur due to collision events, explosions
and space debris propagation. During these, additional debris is created through fragmen-
tation events, which following a chain reaction, in turn, trigger further collisions, resulting
in a renewed proliferation of debris. This phenomenon, first examined by Donald J. Kessler
in 1978, is now referred to as the Kessler syndrome (Kessler et al., 2010). It is mainly de-
scribed as a "self-sustaining cascading collision of space debris in low-Earth orbit", which, if
not addressed, can lead, in the long term, to limited access to space beyond LEO.

2.1.2 The Most Catastrophic Events

The majority of debris presently found in space originates from some catastrophic events,
which occurred in the past years. Collisions between two satellites are often the most de-
structive, generating thousands of debris, subsequently creating more through fragmen-
tations. As can be seen from Figure 2.2, in which the monthly number of objects around
Earth by object type is displayed, the destructive events having the biggest contribution to
the growth of the overall space debris population are the Fengyun-1C ASAT test (2007), the
Iridium-Cosmos (2009) collisions and more recently the Russian ASAT test (2021). These
collisions have devastating consequences for the space environment, both destructive acci-
dents of 2007 and 2009 alone are responsible for a large majority of space debris found in
space today, these two breakup events dramatically altered the LEO environment dynamics.
Besides collision incidents, in-orbit explosions, such as the Ablestar explosion in 1961 or the
recent detonation of an old Russian rocket engine in 2022, can also take place, significantly
affecting the space environment. The visible result (in 2024) arising from four catastrophic
events can be observed in Figure 2.3. In this figure, an overview of the debris (in orbit as of
01/01/2024) created from the four catastrophic events of 2022 (CZ-6A breakup), 2021 (Rus-
sian ASAT test), 2009 (Iridium-Cosmos collision), and 2007 (Fengyun-1C ASAT test) alone.
From these four events, there are, as of January 2024, still around 8,500 pieces of debris in
orbit, posing a constant threat to satellite operations. More information on these events can
be found hereafter.
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Figure 2.2: Evolution of the number of objects larger than 10 cm observed in LEO [Modified figure from NASA Orbital Debris
Program Office (2023)].
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Figure 2.3: Overview of the debris, in orbit in 2024, created alone from four catastrophic events. Using the last TLE on
01/01/2024 taken from Space-Track'.
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Fengyun-1C - Chinese ASAT test: In January 2007, China performed an ASAT by launching
a missile from the Xichang Space Launch Center, targeting the Fengyun 1-C meteorological
satellite system. This auto-destructive event alone led to a 25% increase in the number of
trackable space debris population?.

e Debris assessment: 3,527 catalogued objects (as of 01/01/2024) and approximately
35,000 debris larger than 1 cm (Kelso, 2007),

e Orbit: 865 km altitude, 98.8° inclination,
* Fengyun-1C mass: 954 kg, and

* Fengyun-1C dimensions: 1.42 x 1.42 x 1.2 m (hexahedron) with a deployed length of
10.5m°.

Iridium-33 / Kosmos-2251 collision: In February 2009, another fatal incident occurred with
the collision of the Iridium-33 — an active US communication satellite — and the Kosmos-
2251 - a defective Russian military satellite. This accidental event occurred at a critical
apogee altitude of 780 km; an orbital region widely used by LEO satellites.

e Debris assessment: 2,368 catalogued objects (as of 01/01/2024). (NASA Orbital Debris
Program Office, 2023) and approximately 35,000 debris larger than 1 cm (Kelso, 2007),

e Orbit: 780 km altitude, 74.0° (Kosmos-2251) and 86.4° (Iridium-33) inclination,

* Masses: Kosmos-2251 — 954 kg, Iridium-33 — 560 kg (NASA Orbital Debris Program
Office, 2009), and

¢ Dimensions: Kosmos-2251 - 3 x 2 x 5 m (cylindrical), Iridium-33 — 2 m (length) x 1 m
& (triangular cylindrical shape), with two 3.5 x 0.6 m solar panels and three 1.2 x 0.6 m
communication panels on its sides (Oliver et al., 2009).

Cosmos-1408 ASAT test: In November 2021, Russia conducted a direct-ascent ASAT test on
the Cosmos-1408 satellite that had been in a 490 x 465 km altitude region actively used for
space activities. The generation of additional debris at such altitude puts the International
Space Station (ISS) at significant risk, given its proximity in orbit.

* Debris assessment: 1,806 catalogued objects (as of 01/01/2024),
e Orbit: 490 x 465 km altitude, 82.6° inclination,
* Cosmos-1408 mass: 1,750 kg (Pardini and Anselmo, 2023), and

* Cosmos-1408 dimensions: 4.5 x 1.2-1.4 m cylinder (Cerutti-Maori et al., 2023).

Explosion of CZ-6A upper stage: In April 2022, a zero-consumption rocket engine from a
Russian rocket accidentally exploded in orbit. Such explosions are likely to happen again
since they are most likely caused by residual propellant in the engine, which is present in
most older rockets. In the past, these were not designed to go through the process in which
the rocket expels any explosive before its end-of-life (EOL).

1Space-Track, Satellite catalogue, https://www.space- track.org/ [Last visited on 01/02/2024].

2Eulropean Space Agency, About space debris, https://www.esa.int/Space_Safety/Space_Debris/About_space_debris
[Last visited on 27/05/2022].

3eoPortal ESA, FY-1 (FengYun-1), https://www.eoportal.org/satellite- missions/fy- 1#rf-communication [Last visited on
16/02/2024].
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* Debris assessment: 795 catalogued objects (as of 01/01/2024),
* CZ-6A upper stage orbit: 847 x 813 km altitude, 98.8° inclination,
* CZ-6A upper stage dry mass: 5,800 kg, and

e CZ-6A upper stage dimensions: unknown.

2.1.3 Space Debris Population Evolution

As previously mentioned, the ever-growing use of the space sector has an increasing impact
on its sustainability. Indeed, the space debris population continues to expand daily, due to
its ever-increasing usage and to the numerous fatal events, introduced earlier. These de-
bris manifest in various shapes, sizes and sources. It has been observed that multiple types
of debris populate space; fragmentation debris, payload debris, mission-related debris, and
rocket bodies. Furthermore, it can be observed, from the data presented in Table 2.1, that
the majority of orbital debris can be found in LEO. This is primarily because most space ve-
hicles are located in this region, which, through degradation or collisions, create large space
debris clouds, that, in turn, contribute to the proliferation of debris in this location.

Low Earth orbit: LEO is a circular orbit with altitudes up to 2,000 km above Earth’s surface as
depicted in Figure 2.4 and described by ESA Space Debris Office (2023). This orbit is highly
populated as can be observed in Table 2.1, highlighting the catalogued debris object num-
ber per region. It can be observed that LEO has a significant larger population than GEO, or
other orbits, with a total of 21,659 catalogued objects as of 01/01/2024. This is due to several
factors. To start with, LEO’s popularity stems from its cost-effectiveness and convenience for
satellite operations; its low altitude translates to less expensive launches compared to higher
orbits. Moreover, its proximity to Earth allows for lower latency communications and more
frequent passes over a specific location. This makes it specifically useful for imaging mis-
sions, enabling higher-quality pictures. Additionally, satellites coming from the commercial
sector (constellations) are also located in LEO since they require a lower signal propagation
delay. As discussed in Section 2.1.2, LEO is also densely populated due to the different colli-
sion events, which previously occurred in this region, creating thousands of debris.

Geostationary orbit: The GEO is a circular orbit with an altitude of 35,785 km +200 km and
latitude ranging from +15 degrees as can be observed in Figure 2.4. Due to its high altitude,
this orbit is widely used for telecommunication purposes, but also for weather forecasting
and meteorology. The considerable distance it covers allows signals to be transmitted over
extended ranges. While not as frequently used as LEO, due to the large distance required to
reach it, there appears to be an increasing number of launches to GEO over the years (ESA
Space Debris Office, 2023).

Table 2.1: Number of tracked objects orbiting Earth, these represent all types of objects: payloads, payload fragmented debris,
payload debris, rocket bodies, rocket debris, etc. — ESA Space Debris Office (2023).

Catalogued objects orbiting Earth

LEO GEO | Other orbits | Total
21,659 | 915 12,689 35,263
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Figure 2.4: [Not to scale] Definition of LEO and GEO protected regions.

Future evolution: As mentioned earlier, the number of objects orbiting Earth has been
steadily increasing in recent years, this is highlighted in ESA Space Debris Office (2023). In
their environmental report, they conducted a simulation to predict the future evolution of
the debris population, considering two scenarios: one based on the current launch rates
and another with no future launches after 2023. Both scenarios are depicted in Figure 2.5.
The simulations reveal two important findings. Firstly, even if the space industry halted all
future launches today, the population of space debris would still increase due to collisions
and explosions. Secondly, projecting current launch patterns indicates that the number of
collisions among existing space debris objects will contribute to further growth in the space
debris population. This extrapolation factors in ongoing explosions (at the 2023 rate, which
may increase in the future), assumes constellations will maintain minimal post-mission dis-
posal success rates, and relies on the continuation of currently estimated rates. From these
simulations, it becomes evident that without intervention, space accessibility could become
restricted. Consequently, efforts are underway to develop collision detection and avoidance
methods, as well as mitigation techniques, which will be explored in the upcoming sections.

—— 2023,No further launches
700 { —— 2023,Extrapolation

600 -
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Cumulative number of catastrophic collisions
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Figure 2.5: Long-term simulation of the cumulative number of objects in LEO. Environment evolution for extrapolation and
no further launches scenarios — ESA Space Debris Office (2023).
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Satellite constellations: In the previous sections, constellations were not explicitly included
in the study of environmental evolution. These past years, the constellation sector has taken
a major place in the space industry, contributing to the NewSpace era. Majorly located in
LEO, these mega-constellations are systems of thousands of satellites working together to-
wards a common objective. Operating at lower altitudes offers rapid and efficient commu-
nication with Earth, but it necessitates a large number of satellites to ensure comprehensive
coverage, consequently further augmenting the number of objects in space. This increase
has been visualised in Figure 2.2 in which an exponential curve is being observed starting
in 2019; this marks the beginning of mega-constellation launches, such as Starlink?, Eutel-
sat OneWeb® or E-Space®. While constellations offer numerous advantages, such as global
Earth connectivity, they are also accompanied by certain drawbacks. These include issues
such as light pollution, potential harm to astronomical observations, and, notably, the gen-
eration of space debris. The ESA Space Debris Office, as outlined in their environmental
report from April 2023, has observed the repercussions on the number of objects in space
resulting from the deployment of constellations. Their findings reveal that the use of con-
stellations in 2021 led to a doubling of the rate of object proliferation in space. Unless there
is a shift in behaviour, this impact is expected to worsen in the coming years. To gain a
deeper understanding of their reach, an analysis of some of the larger and more significant
constellations will be conducted, such an overview can be found in Table 2.2. Based on the
collected data and observations, it becomes evident that constellations pose a significant
threat to the space environment. For this reason, mitigation procedures ranging from miti-
gation methods, collision detection or CAMs should be applied.

Table 2.2: Some of the largest satellite constellations’.

The largest satellite constellations

Constellation Network | Altitude | 15¢ Launch | Function(s) Country
Eutelsat OneWeb | 648 LEO 2019 Internet us
Starlink Gen 1 4,408 LEO 2019 Internet us
SatRevolution 1,024 LEO 2019 Earth observation, Moon, Mars | POL
Galaxy Space 1,000 LEO 2020 Internet CHN
E-Space 350,000 LEO 2022 Internet, Space debris removal FRA

Astra 13,620 LEO 2022 Internet us
Amazon (Kuiper) | 3,236 LEO 2022 Internet us )

2.2 Space Debris Mitigation

Throughout the years, some non-biding rules, have been set up for the space sector to re-
duce the proliferation of space debris. Given the rising quantity of space debris, both gov-
ernment and private entities must adhere to these guidelines, and these recommendations
should regularly be revised to safeguard the future of space. The following section will ad-
dress several international guidelines that have been implemented over the years; the 2005
Inter-Agency Space Debris Coordination Committee (IADC) guidelines in Section 2.2.1, the
2007 United Nations (UN) guidelines in Section 2.2.2, and the new 5-year disposal rule es-
tablished in 2022 by the Federal Communications Commission (FCC) in Section 2.2.3.

4Starlink, https://www.starlink.com/ [Last visited on 02/03/2024].

SEutelsat OneWeb, https://oneweb.net/ [Last visited on 02/03/2024].

6E-Space, https://www.e-space.com/ [Last visited on 02/03/2024].

7Newspace, NewSpace Constellations, https://www.newspace.im/ [Last visited on 26/01/2023].
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2.2.1 IADC Space Debris Mitigation Guidelines 2005 — Revised in 2007

These guidelines have first been formulated in 2002 by the IADC. And have been updated in
the past years.

Mitigation measures (IADC Steering Group, 2020):

Guideline 1: Limit debris released during normal operations.

Guideline 2: Minimise the potential for on-orbit break-ups.
— Minimise the potential for post-mission break-ups resulting from stored energy,
— Minimise the potential for break-ups during operational phases, and
— Avoidance of intentional destruction and other harmful activities.

Guideline 3: Post-mission disposal.
— Geosynchronous region to graveyard disposal,
— Obijects passing through the LEO region (“25 years disposal rule”), and
— Other orbits.

Guideline 4: Prevention of on-orbit collisions.

2.2.2 (UN) Space Debris Mitigation Guidelines - 2007

These guidelines were adopted in 2007 by the UN Committee on the Peaceful Uses of Outer
Space (COPUOS). It has a membership of 95 Member States (from the UN Member States).

Mitigation measures (United Nations — Office for Outer Space Affairs, 2010):

Guideline 1: Limit debris released during normal operations.

Guideline 2: Minimise the potential for break-ups during operational phases.
Guideline 3: Limit the probability of accidental collision in orbit.

Guideline 4: Avoid intentional destruction and other harmful activities.

Guideline 5: Minimise the potential for post-mission break-ups resulting from non-
used and stored energy.

Guideline 6: Limit the long-term presence of spacecraft and launch vehicle orbital
stages in LEO after the end of their mission.

Guideline 7: Limit the long-term interference of spacecraft and launch vehicle orbital
stages with GEO after the end of their mission.

2.2.3 5-Year Disposal Mitigation Guideline — 2022

In response to the increasing debris issue in LEO, a new regulation has been introduced,
overwriting one of IADC’s post-mission disposal guideline. According to this regulation,
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adopted by the FCC in September 2022, newly launched spacecraft concluding their mis-
sions within orbits below 2,000 km must start de-orbiting as soon as feasible and no later
than five years after mission completion. By working towards meeting these guidelines, the
safety of satellites can be achieved (Federal Communications Commission, 2022).

2.3 Space Surveillance

Responding to the urgent need to prevent space debris collisions, several collision-detection
techniques are being developed, enhancing tracking capabilities and enabling better pro-
tection against collisions. The first step in detecting space debris collisions is to catalogue as
many space objects as possible and continuously monitor their trajectory to identify poten-
tial collisions and their associated risks, all while preparing response strategies.

Today, the largest space surveillance network is the Space Surveillance Network (SSN). It
makes use of ground-based radars, commands and control systems, which detect, track, and
catalogue man-made objects. To perform such tasks it uses several sensors; phased-array
radars, conventional radars, and electro-optical sensors. Upon precise tracking of an object,
the SSN has the capacity to provide advanced notice regarding potential collisions and the
requirement for manoeuvres (Sgobba and Allahdadi, 2013). The current SSN has achieved
comprehensive tracking, encompassing nearly all objects with diameters exceeding 1 m and
95% of objects larger than 30 cm in diameter. Some objects as small as 10 cm can also be
tracked by them (National Research Council, 1997). Data on the tracked debris are open to
the public through the satellite catalogue (SATCAT), which is updated daily and can be con-
sulted on Space-Track®. In this catalogue, several satellite-related pieces of information are
available, such as the type of satellite, their decay date (if applicable), but also information
on their latest TLEs. This sequence of information, with details defined in Section 3.2, is
commonly used to get information on the satellite state at a specific given epoch. Addition-
ally, the US Department of Defence (DoD), through its Global Space Surveillance Network
(GSSN), is actively keeping track of space debris, making use of ground-tracking sensors.
For now, most of the catalogue’s objects are 10 cm or larger (Buchs and Florin, 2021).

On the European side, ESA, through its Space Situational Awareness Programme (SSAP)
and using a Space Surveillance and Tracking (SST) system, is also creating a space debris
catalogue. They are able to detect potential collisions, fragmentation events and make reen-
try predictions. In addition to that, start-ups such as Aldoria are also tracking space objects,
which are located in low, medium and Geostationary orbits. Images are received from their
own telescopes from which they can extract astrometric and photometric data®.

These various international programs employ a diverse array of telescopes, sensors, and
radars, each possessing distinct capabilities for observing and tracking debris. These tech-
niques vary not only in their ability to detect debris of varying sizes but also in their measure-
ment precision, including uncertainties in position (Ar) and velocity (AV). For example, the
current US SSN is capable of observing a large range of altitudes using its surveillance radars.
Space surveillance plays a pivotal role in advancing space sustainability. By providing data
on the different objects located in space, objects positions and velocities can be propagated
and conjunction analysis performed. From this analysis, conjunction data messages (CDM)
and conjunction summary messages (CSM) can be generated. These signals contain precise
information on the objects’ orbits and comprehensive covariance of uncertainties, enabling
operators to make informed decisions on when and how to take actions.

8Space-Track, Satellite catalogue, https:/ /www.space-track.org/ [Last visited on 01-02-2024].
9 Aldoria, Unique Technology Breakthrough, https:/ /www.aldoria.com/technology [Last visited on 12/02/2024].
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2.4 Collision Avoidance Methods

After cataloguing space debris, it becomes imperative to employ technologies that assess
the likelihood of potential collisions and determine whether collision avoidance measures
are necessary. This is particularly crucial for missions in LEO and GEO where the proba-
bility of collision is higher than elsewhere, being further accentuated during long-duration
missions. These elements will be introduced in the following section. To start with, cur-
rently available methods to compute collision avoidance probabilities will be presented in
Section 2.4.1. Subsequently, various techniques designed to safeguard space vehicles from
debris will be detailed. These include passive protection in Section 2.4.2, principles and ex-
amples of active protection in Section 2.4.3 and, an examination of different types of thrust-
ing manoeuvres will be given in Section 2.4.4.

2.4.1 Space Debris Collision Probability

The first step in assessing a risk of collision is performed by computing the probability of
collision. From this information, it can be decided whether or not a CAM is required. When
dealing with satellites located in LEO, short-term conjunctions are present, for which a num-
ber of assumptions on their motion, can be made:

* The bodies move along straight lines with a constant velocity, whose uncertainties can
be neglected,

* The uncertainty in the position of the bodies can be described using a 3-dimensional
(3D) Gaussian distribution,

* The position uncertainties of both objects are not correlated and are constant and thus
are equal to the one at the time of closest approach, and

* Both objects are considered spherical.

To perform robust and accurate collision probability computations, several methods are
currently available, which are all based on the principles of Gaussian distribution and co-
variance. The most used models are the ones developed by Foster et al. (1992), Patera (2001)
which is known to be approximately 20 times faster than Foster’s (Alfano, 2007), but also Al-
fano (2005)’s and Chan (1997)’s methods, being orders of magnitude faster than the other
three methods. In addition to those four well-known methods, a DUT student, Leon Dasi
(2022), has developed a new method, which enables the computation of collision probabil-
ity between two space objects having any geometry. It does so by additionally decreasing the
total computational time by still meeting high accuracy in the method. More information on
this method will be introduced in Section 2.5.

As will be discussed at a later stage, no collision probability analysis will be performed
and the need for a robust method is not necessary for this specific study. Indeed, for the
mission scenario at hand, a conjunction analysis is solely required for a conjunction to be
found and for the manoeuvring system to be triggered. The mission starts the moment a
conjunction is found, but the process of finding and processing the data leading to the con-
clusion that a manoeuvre is necessary is beyond the scope of this MSc thesis. The reason
for this is that it could be a MSc thesis work on its own, with other DUT students having al-
ready worked on the topic. For this reason, no additional details will be given on collision
probability. Including such analysis in the study would introduce an additional dimension,
considering extra external factors and constraints. This valuable addition will be addressed
in Section 9.2.
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2.4.2 Passive Protection

Passive protection can be defined as a way to shield spacecraft from debris. For human
spaceflight, space vehicles should be shielded against orbital debris. Even if the size of these
particles seems insignificant, they hit space vehicles with hyper-velocities in the order of 14
km/s, which can highly damage the vehicle through penetration or degradation. For this
reason, it is important, especially for a manned mission, to make use of protective materials
that shield against the impact of uncatalogued debris avoiding catastrophic events. In the
case of the ISS, it is being shielded using a Whipple shield. This shielding method consists of
three primary shielding configurations, which can protect it from space debris up to 3 mm
in size'?. To be protected from larger objects, the ISS should perform CAMs, which fall under
the ’active protection’ category.

2.4.3 Active Protection

Not every satellite possesses the capability or equipment to be safeguarded against debris,
and being shielded against every type of debris is not feasible. As a result, active protec-
tion becomes crucial in scenarios where collisions are likely. Active protection involves tak-
ing proactive measures to avoid debris and, consequently, collisions. In the evolving space
era, collision avoidance has become increasingly crucial, particularly in crowded orbits like
LEO where prior collisions have left a substantial amount of inert debris, which accounts for
roughly 90% of the debris in LEO. Presently, the ISS conducts a few CAMs each year with an
annual average of approximately 1.2 CAMs. For example, between the year 1999 and August
2020, the ISS executed a total of 27 CAMs (NASA Orbital Debris Program Office, 2020). This
figure is expected to rise as the debris population continues to grow. More details on differ-
ent relevant past CAMs will be introduced hereafter .

ISS CAMs: The ISS has been more at risk in the past years, due to the increasing number
of debris in LEO. In 2023 alone, it had to perform four CAMs, while before that, it had per-
formed a total number of 33 collision avoidance manoeuvres since 1999, according to NASA
Orbital Debris Program Office (2022). With its numerous manoeuvres, the ISS is an excellent
candidate to study for data on CAM. To predict a potential collision between the ISS and de-
bris, the Joint Space Operations Centre (JSOC) tracks the space debris object through radar
tracking, keeping a catalogue of debris. Three times a day these objects are tracked against
the ISS trajectory and the ISS Trajectory Operations and Planning Officer (TOPO) is notified
if any object is susceptible of passing near a +2 (local vertical) x 25 x 25 (local horizontal) km
volume within the next 72 hours. If this is the case, TOPO computes the collision probability
(P.) and then notifies flight control teams in Houston and Moscow of a potential collision
hazard. If this collision probability is larger than 1/100,000'! (number specific to the ISS,
since it is a manned vehicle), a debris avoidance manoeuvre (DAM) of the ISS will be con-
ducted to avoid the debris (Cooney, 2016). Over the years, several avoidance manoeuvres
have been performed by the ISS, some of which have been listed in Table 2.3.

10Aelrospace, Space Debris 101, https://aerospace.org/article/space-debris- 101 [Last visited on 31/05/2022].

Hgcience ABC, How Do The ISS And Other Satellites Protect Against Space Debris?, https:/ /www.scienceabc.com/innovat
ion/how-do-the-iss-and-other-satellites- protect-against-space-debris.html [Last visited on 03/06/2022].

12European Space Agency, ESA ISS Science & System - Operations Status Report Increment 17, https://www.esa.int/Scienc
e_Exploration/Human_and_Robotic_Exploration/Columbus/ESA_ISS_Science_System_-_Operations_Status_Report_br_In
crement_17 [Last visited on 31/01/2023].
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Table 2.3: Some of ISS collision avoidance events.

ISS collision avoidance events

Debris Date Predicted Propulsion system/ AV Prop. At
main cause Manoeuvre event
Old debris 27/08/08 | — Retrograde manoeuvre. The ISS | 1 m/s -

ATV's aft thrusters were relocated
to the front of the station slowing it
down (lower altitude)'?.

Pegasus rocket | 03/12/21 ||Ar]] = 5.4 | Russian Progress 79's thrusters. | — 2 min 41s
fragment km The propulsion compartment con-
tains the main engine, a liquid-
fuelled propulsion system and a low-
thrust engine for orientation.

Fengyun-1C 19/04/20 | — - - -
fragment

Iridium-33 26/07/15 Pe > Progress 58P thrusters — NASA Or- | 0.5 m/s | —
fragment threshold bital Debris Program Office (2015).

1) Pegasus 27/09/15 | [|Ar|| low Progress resupply vehicle thrusters — | 0.3 m/s | —

debris NASA Orbital Debris Program Office

2) Fengyun-1C (2015)

fragment

Unidentified 22/09/20 [|Ar|]] = 1.39 | ISS Progress 75 thrusters - 2min 30's
object km

Meteor 2-5 23/04/15 | - Progress 58 thrusters — NASA Or- | 0.3 m/s | 2min20s
debris bital Debris Program Office (2015)

Discarded 08/06/15 | — Progress 58 thrusters — NASA Or- | 0.3 m/s

Minotaur-I bital Debris Program Office (2015)

4th stage

Meteor 2-5 16/07/15 P. > thresh- | No manoeuvre. "Shelter-in-place” | N.A N.A
fragment old, but not | procedure, crew emergency return

enough time with the Soyuz capsule— NASA Or-
bital Debris Program Office (2015)

Starlink CAMs: Several CAMs are performed recursively, between two active vehicles or be-
tween an active and inert vehicle. An example of collision avoidance between two active
vehicles is the Aeolus/Starlink conjunction, which took place on September 2, 2019, at an al-
titude of 320 km (LEO). In this case, the collision avoidance manoeuvre had to be performed
by ESA since SpaceX did not want to be involved. The CAM would thus increase Aeolus’s
altitude by 350 m, ensuring the remaining distance between both vehicles was high enough
for the conjunction probability to be lowered'®. To perform this, three consecutive thruster
burns (Aeolus’ thrusters) were performed half an orbit before the potential collision'*.

Space Shuttle CAMs: Similarly to the ISS or Starlink case, the SSN is responsible for warn-
ing the shuttle of potential conjunctions with debris. This debris is catalogued by them and
closely tracked daily (National Research Council, 1997). Rather than using a probability-
based approach, like in the case of the ISS, it makes use of the geometry of the shuttle by us-
ing an ’alert box’ approach consisting of a 5 x 25 x 5 km box surrounding the shuttle, which
no debris could ever penetrate. Through simulations, if it is observed that space debris could
potentially penetrate this box then action should be taken. When a manoeuvre is necessary,
then, on average, the required AV needed to manoeuvre will be 0.3 m/s, which, according to
Loftus (1997), would require a propellant mass of about 11 to 14 kg.

13eoPortal, Aeolus / formerly ADM (Atmospheric Dynamics Mission), https:/ /www.eoportal.org/satellite- missions/aeolus
#eop-quick-facts-section [Last visited on 27/01/2023].

14European Space Agency, ESA Spacecraft Dodges Large Constellation, https://www.esa.int/Space_Safety/ESA_spacecraf
t_dodges_large_constellation [Last visited on 03/06/2022].
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Envisat CAMs: Envisat’s first two CAMs were performed in 2004 (Klinkrad et al., 2005). The
first one occurred on September 2, 2004, when the Cosmos-1269 satellite was predicted to
pass by, with a collision probability of 2.186 - 10~* at a distance of 1.3 km of Envisat. To avoid
such debris, a fuel-efficient manoeuvre was performed using a small along-track manoeu-
vre (oblique approach geometry) with a AV of 0.3 m/s using a total of 160 g of propellant for
both the avoidance and restitution manoeuvres. The second potential collision took place
between Envisat and a fragment of the Zenith-2 orbital stage, with a minimum approach
distance of 81 m and maximum collision probability of 5.5 - 10™* (exceeding the accepted P,
<107%). To manoeuvre, a AV of 0.4 m/s was required to move Envisat away and another 0.39
m/s was required to move Envisat back to a lower orbit after the event.

ESA’s autonomous collision avoidance system (AUTOCA): An autonomous collision avoid-
ance system is correctly being developed within the ARTES program. This system will make
use of artificial intelligence (AI) and Machine Learning (ML) to predict how significant and
critical the potential conjunction between two objects would be, as well as the risk of a col-
lision happening. Depending on the data resulting from such analysis AUTOCA will then be
able to say whether or not a manoeuvre is required, or possible'®.

The commonalities and discrepancies in past CAMs: Through the different described CAMs,
which happened in the past, several commonalities have been found. Understanding those
is crucial to, later on, define the specific mission concepts and requirements linked to them.

* Tracking and detection: To start with, the space debris is exclusively being tracked
actively from the ground by the SSN, meaning no onboard equipment is used to track
any of the debris to perform collision avoidance. Making use of a ground station signif-
icantly increases the time between collision perception and the performance of actual
manoeuvres. According to National Research Council (1997), it has been estimated
that once a collision detection warning has been received it would take approximately
two hours to communicate instructions, prepare the ISS for the manoeuvre, boost the
thrusters, and for the actual manoeuvre to be performed. This is extremely long when
comparing it with the velocity at which both objects could be moving. For reference,
a Starlink satellite (2 = 550 km) has an orbital period of approximately 95 minutes. To
reduce the detection time to a lower appropriate value, opting for an on-board detec-
tion mechanism could be a viable option. However, a downside of such technology
is the field of view that is not substantial since both objects will be moving in a circu-
lar motion around Earth, meaning an entire 360° overview is not possible, unlike with
ground station. A solution to this could be to propagate debris and satellites’ states
and perform an analysis of this propagated state, reducing accuracy.

* Predicted cause for manoeuvres: When analysing previous collision avoidance inci-
dents, manoeuvres are executed when one of the prescribed criteria is not met. These
criteria are frequently determined by either an imaginary safety zone or the likelihood
of a collision. Furthermore, in these scenarios involving high velocities, timing is of
utmost importance. Time must not be overlooked, and as a result, a manoeuvre can
only be performed if there is sufficient time to carry out the procedure safely.

15European Space Agency, Autonomous Collision Avoidance System For NGSO, https://artes.esa.int/projects/autoca [Last
visited on 27/01/2023].


https://artes.esa.int/projects/autoca

18 CHAPTER 2. MISSION HERITAGE

* Manoeuvring execution: Looking at various examined CAMs, a common trend emerges
in the manoeuvres executions. In many cases, depending on the objects involved (typ-
ically two or more), one of these objects, often the larger one, initiates the manoeuvre.
This involves adjusting the spacecraft’s orientation and utilising onboard thrusters to
execute a prograde manoeuvre, effectively initiating a de-orbit process. Subsequently,
this is counteracted by returning to its initial orbit. This time of events is frequent
for the ISS, which most of the time uses the thrusters located on the Progress vehicle,
producing a AV in the range 0.3 — 0.5 m/s. Two other, less common types of active
avoidance were carried-out by the ISS. According to NASA Orbital Debris Program Of-
fice (2015), a ’shelter-in-place’ type of manoeuvre was executed in 2015, where the ISS
crew went into the Soyuz capsule in case of emergency return. A retrograde manoeu-
vre was performed in 2008, in which the aft thrusters were relocated at the front of the
station to slow down the ISS, lowering its altitude. From the required AV budget of 1
m/s, this sequence costs more than twice the prograde manoeuvre.

From this analysis it can be concluded that the most common and less costly CAMs are
prograde manoeuvres, those in which the orbital velocity will be increased, raising the alti-
tude of the orbit. The AV required to move the ISS is in the range 0f 0.3 — 0.5 m/s. In addition
to that, it has been observed that collision avoidance is performed solely based on track-
ing data from the ground station and tracking is not performed autonomously onboard the
spacecraft. The tracking database is almost exclusively done by the US SSN.

2.4.4 Low and High-Thrust Manoeuvres

Today, most satellites in space use high-thrust chemical propulsion, with a few exceptions
like the Eutelsat 172B satellite and the recent Starlink constellation, which employ low-thrust
electrical propulsion. Chemical propulsion has long been favoured for its simplicity, afford-
ability, and high thrust output. On the other hand, electrical propulsion is gaining promi-
nence due to its environmental benefits and alignment with the trend toward smaller satel-
lites. It reduces satellite mass, cutting launch costs and catering to the smallsat market. It
is eco-friendly, safer, and more redundant than chemical propulsion. However, it has lower
thrust, leading to longer transfer times and making last-minute avoidance manoeuvres chal-
lenging. As a nascent, evolving technology, it currently comes at a higher cost and offers
lower efficiency compared to chemical propulsion. Two examples of propulsions will be in-
troduced hereafter.

Starlink’s low-thrust propulsion: The Starlink project uses an ion propulsion system (pow-
ered by Krypton) to perform orbit raise and de-orbit at the end of its lifetime. It is equipped
with an autonomous collision avoidance subsystem, which makes use of its low-thrust propul-
sion (hall-effected thrusters) to perform guidance and avoid debris when requiredm.

SwarmB high-thrust propulsion CAM: On January 15, 2017, the SwarmB satellite had to
make use of its cold gas propulsion subsystem to avoid a high-probability collision with a
debris generated from Cosmos-375. To avoid such piece of debris the satellite’s cold-gas
thrusters had to work for about 44 seconds, giving an impulse of approximately 7—8 mm/s'".

IGStarlink, World’s most Advanced Broadband Satellite Internet, https://www.starlink.com/satellites [Last visited on
01/02/2023].

17Spaceflight101, ESA Satellite faces close Orbital Conjunction with Soviet Space Debris, Avoidance Maneuver Canceled,
https://spaceflight101.com/swarm/swarm- close-orbital-conjunction/ [Last visited on 01/02/2023].
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2.5 Relevant DUT Work

Presently, there is a notable surge in scientific research related to collision avoidance in var-
ious domains, including ongoing studies at DUT. Several students have conducted research
on topics directly associated with space debris and, more significantly, collision avoidance
phenomena. The examination of these studies holds direct relevance for this study, as it pro-
vides an opportunity to identify commonalities and derive recommendations for enhancing
previous research. This section will present some pertinent studies and their outcomes.

Debris conjunction analysis: Leloux (2012) analysed the different filtering techniques used
during conjunction analysis. Some of the filters detailed in this work will be directly relevant
to the work at hand when performing the conjunction analysis and finding a conjunction.

Satellites impulsive collision avoidance manoeuvres: Wolfhagen (2020) has analysed what
would be the most attractive approach to impulsive collision avoidance (in LEO) by taking
into account aspects such as the optimisation of constellation performance, the collision
probability after manoeuvre and the benefits linked to those. From their research, they could
conclude that using a multi-objective optimisation procedure was beneficial to offer a set of
feasible solutions and thus enable the optimisation of collision probability, propellant con-
sumption as well as constellation performance loss.

Spacecraft GNC: Alforja Ruiz (2020) examined the robust de-orbiting of a large spacecraft
having uncertain mass parameters. They went into detail about the guidance, navigation
and control (GNC) of this spacecraft. In their guidance analysis, they examined strategies
for complete orbit reduction and final de-boost. The spacecraft’s autonomous attitude com-
mands were executed using the pseudo-mean anomaly as a control variable, chosen for its
ability to manage both time and satellite position. Additionally, they focused on the navi-
gation system, emphasising the necessity of accurately modelling navigation sensor outputs
and data errors. Their design aimed to closely replicate the e.Deorbit mission by incorporat-
ing an array of sensors, including an Inertial Measurement Unit (IMU), Global Positioning
System (GPS), magnetometer, star tracker, and sun sensor. To mitigate signal errors from
the sensors, they used a modified Extended Kalman Filter (EKF). Lastly, within the control
subsystem, they employed an Incremental Nonlinear Dynamic Inversion (INDI) approach.
Some of these design choices may be applicable to the current mission.

Collision probability: Leon Dasi (2022) developed a new method capable of computing the
collision probability between space objects by significantly reducing the computational time
required to perform high-accuracy propagation of uncertainty. Additionally, this method
can be applied to a large number of space vehicle conjunctions, since it can take as an input
any vehicle 2D geometry. Their method can also be extended to 3D shapes; thus enabling
the collision probability computation to be accurately applied to any satellite. This was per-
formed using a hybrid Differential Algebra and Gaussian Mixture Model (DA-GMM) method.

Software and hardware simulations for CAM: Cattani (2022) looked into how the GNC sub-
systems used to improve CAM could be supported and tested using the GRALS (Generic Ren-
dezvous and Docking Simulator) laboratory of the European Space Research and Technology
Centre (ESTEC). In their GNC sequence, they used an EKE which they developed and inte-
grated into Simulink, a GPS, an IMU, a laser rangefinder, and an INDI controller.
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GNC for active debris removal: Conings (2022) looked into a GNC system to be used for
active debris removal. Their guidance sequence was meticulously designed to achieve a
fuel-efficient and time-effective trajectory while minimising thruster plume impingement.
Convex guidance was used and proved to be optimal in terms of robustness, autonomy, and
computational efficiency, especially in the context of close-range rendezvous phases. It iter-
atively converges to an optimal solution within a predetermined number of iterations, pro-
vided that a feasible solution exists within the optimisation space. Given its relevance to
CAMs, their guidance system will also be a focal point of examination in the current research.

2.6 Reference Scenario

One of the primary goals of the research was to employ a scenario closely resembling reality.
This aspect was meticulously examined to encompass a wide range of potential future mis-
sion scenarios and provide a comprehensive depiction of the present space environment.
Therefore, it was determined that using a reference mission and vehicle accurately reflecting
the current state of space exploration, would serve as the baseline scenario. Both the refer-
ence mission and vehicle will be described in Section 2.6.1 and Section 2.6.2, respectively.

2.6.1 Reference Mission

With 70% of space debris located in LEO'®, as shown in Table 2.1, the primary threat is ev-
ident for space vehicles in this region. Addressing the root of the problem and developing
methods to significantly reduce debris generation in these dense areas is of paramount im-
portance. As a result, the decision has been made to conduct the mission in LEO, where
the density of space objects is higher compared to other locations, primarily due to its cost-
effectiveness for access and its suitability for high-speed, low-latency communications ow-
ing to its proximity to Earth. More specifically, Figure 2.6 and Figure 2.7, created using the
current (01/01/2024) TLEs from Space-Tracklg, reveal a pronounced concentration of cat-
alogued objects within altitudes ranging from 500 to 580 km with eccentricities close to 0°.
Subsequently, it can be concluded that the conjunction probability in these altitude bands
is much higher than in others, rendering this region a smart choice for further analysis. Fur-
thermore, there is a significant growth observed in the constellation sector, marked by a
rapid increase in the number of satellites (Figure 2.2), with certain constellations even aim-
ing to deploy no fewer than 350,0002" (Table 2.2). This growing market is the future of space
exploration, making it crucial to understand and analyse its impact. For these reasons, it
has been decided to use as a reference vehicle SpaceX’s Starlink constellation, which is lo-
cated in the critical band of 550 km altitude, 53° inclination and close to 0° eccentricities?’,
meeting both criteria described earlier. With its planned-to-be-launched 42,000 satellites
(Figure 2.8), the Starlink constellation has the aim of providing global coverage Internet ac-
cess to the entire globe, currently based in 37 countries??, it already has deployed a little over
5,500 satellites as of 2024 as displayed in Figure 2.9, where all satellites part of the Starlink
constellation can be observed. The studied conjunction, detailed in Chapter 4, will involve
both a Starlink satellite and trackable debris. Although the exact dimensions of this debris

18European Space Agency, Debris objects in low-Earth orbit, https://www.esa.int/ESA_Multimedia/Images/2008/03/Debr
is_objects_in_low-Earth_orbit_LEO2 [Last visited on 09/06/2022].

198pace-Track, Satellite catalogue, https:/ /www.space-track.org/ [Last visited on 01/02/2024].

20F-space, Bridging Earth and Space, https:/ /www.e-space.com [Last visited on 28/06/2022].

21 Starlink, How Starlink works, https://www.starlink.com/satellites [Last visited on 25/06/2022].

22 Starlink, Starlink Updates, https://www.starlink.com/updates [Last visited on 13/10/2023].
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are unknown, its trajectory is thoroughly documented. Similar to the spacecraft, the selected
debris for the simulation is an appropriate choice because its position in space allows it to
represent the majority of debris found in LEO on a global scale. More details on the specifics
of this spacecraft and debris will be introduced in Section 2.6.2.
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Figure 2.6: Distribution of all objects in LEO by mean al- Figure 2.7: Distribution of all objects in LEO by eccen-
titude as 0f 01/01/2024. tricities as of 01/01/2024.

Figure 2.8: SpaceX’s Starlink satellite illustration®3.
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Figure 2.9: 3D representation of all Starlink satellites currently in orbit as of 01/01/2024.

23shutterstock, Starlink Satellite Illustration, https:/ /www.shutterstock.com/image-illustration/internet-broadcast-satel
lite-train-around-earth-2116913408 [Last visited on 11/03/2024].
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2.6.2 Reference Vehicle and Debris

For the mission at hand, both a spacecraft and space debris will be of interest. Their respec-
tive characteristics, required for simulation purposes, will be introduced hereafter.

Reference vehicle (Starlink-4039): Due to the limited availability of information about Star-
link, it has been determined that for the thesis project, in cases where essential data about
the satellite is lacking, the characteristics of several operational satellites will be examined.
From this analysis, a generalised model resembling the known attributes of Starlink will be
developed, serving as the basis for all simulations. Although very little information on the
Starlink satellites’ geometry and mass distribution is available, deductions can be made us-
ing illustrations and other available data sources such as the Falcon 9 user guide®* and pic-
tures of how the satellites are stacked in the vehicle, before launch. From this, the combined
height of a stack of 60 satellites can be approximated to be 6.7 m. Considering two satellites
per unit of height, with spacers between them, the stowed height of each satellite can be
estimated to be around 20 cm. The internal diameter of the fairing available to payloads is
4.6 m, although there is a slight allowance for space around the edges. Assuming a 5 cm gap
between the satellite’s edge and the fairing, the longer edge of the satellite can be approxi-
mated to be 3.2 m in length, with the shorter edge being half of that at 1.6 m (2:1 ratio).

In addition to its main body, Starlink has a large solar panel beam whose dimensions should
also be deduced. Divided into 12 segments, each segment’s longer edge matches the 3.2 m
width of the satellite body. Each segment appears to feature 32 x 4 solar cells, with each cell
maintaining a 2:1 aspect ratio. The dimensions of each segment can be approximated to be
3.2 m by 0.8 m (excluding the edges), leading to an approximate surface area of 30.72 m? for
the solar panel®®. The solar panel’s thickness can be approximated from literature to be 7.5
mm. In Figure 2.10, some sketches of Starlink, with its deduced dimensions can be observed.
In addition to the dimensions, the satellite mass should also be estimated. While it is known
that Starlink satellites weigh approximately 260 kg it is unknown how this mass is divided be-
tween the satellite’s main body and its solar panel. In order to deduce the solar panel mass, it
was decided to use solar panel specifications from Spectrolab, being a leader in solar panels
for space applications. It was found that for space solar panels®® the densities range between
1.76 and 2.08 kg/m?. Taking the highest mass density leads to a solar panel mass of ~ 64 kg
and thus a satellite body mass of 196 kg. While these pieces of information await official
confirmation from SpaceX, they have undergone comparison with other satellites and var-
ious known physical properties. As a result, they have been deemed acceptable values for
utilisation. An overview of some of Starlink’s characteristics®’ can be found in Table 2.4.
Additionally, taking the overall geometry of Starlink, the inertia of the satellite’s main body
and solar panels (with respect to their respective com) can be computed as detailed below,
assuming a uniform mass distribution and approximating them to a box and plate respec-
tively. By making use of the box approximation, with a volume of 50.18 m? the overall satellite
inertia can also be computed (slightly over-estimated) using this kind of geometry.

248pa<:eX, Falcon User’s Guide, https://www.spacex.com/media/falcon-users-guide-2021-09.pdf [Last visited
22/02/2024].

25Blogger, Starlink Satellite Dimensions Estimates, https://lilibots.blogspot.com/2020/04/starlink-satellite- dimension-e
stimates.html [Last visited 22/02/2024].

265pectrolab, Space Solar Panels, https:/ www.spectrolab.com/DataSheets/Panel/panels.pdf [Last visited on 04/03/2024].

27Starlink, Technology, https://www.starlink.com/technology [Last visited on 01/10/2023].
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A Starlink satellite possesses low-thrusting capabilities. Given that the majority of Earth-
orbiting satellites currently rely on chemical propulsion, the current analysis will primarily
use high-thrust propulsion for testing purposes. Nonetheless, an examination of the sys-
tem’s limitations and its ability to accommodate low-thrust and large ranges of different
high-thrust propulsion will also be conducted. This evaluation is crucial as the ultimate aim
of this autonomous system is its widespread usage and suitability. The primary propulsion
system chosen for analysis will use one of Ariane Group’s 10 N bi-propellant thrusters®. This
thruster model is specifically engineered for precise attitude, trajectory, and orbit control of
satellites and is already extensively deployed. With a nominal thrust of 10 N and a specific
impulse of 292 s, it offers reliable performances.

28Ariane Group, Chemical Bi-propellant Thruster Family, https://www.space-propulsion.com/brochures/bipropellant-t
hrusters/bipropellant-thrusters.pdf [Last visited on 16/04/2024].
29Seradata, Satellite Catalogue, https://www.seradata.com/ [Last visited on 01/10/2023].
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Table 2.4: Some of the known characteristics of SpaceX’s Starlink satellites.

Starlink-4039 satellite known characteristics

Orbit On-board subsystems Characteristics
o Altitude e Autonomous CAM e Total mass = 260 kg (minisatellite)
~ 546 km e Star-tracker (navigation) e Body dimensions = 3.2 x 1.6 x 0.2 m
circular e Optical space laser (au- | e Body mass = 196 kg
o Inclination tonomous data transmission) | e Solar arrays: 12 deployable panels (3.2 x 0.0075 x 9.6 m)
~ 53.2194° o 4 powerful phased antennas e Solar panel surface area??= 3.2 x 9.6 m = 30.72 m?
e Eccentricity | e 2 parabolic antennas e Solar panel mass ~ 64 kg
~ 0.000152 | e lon thrusters o Cross-sectional area: 31.36 m? (approximated the larger
e Period (Krypton  propelled,  hall- side of the satellite by a rectangle with sides 3.2 x 9.8 m)
~ 95.5 min effected thrusters) e Volume dimensions (box approximation): 50.18 m? (rect-
e Singular solar array angle with dimensions 3.2 x 1.6 x 9.8 m)
e One rectangular main body e Propulsion: Electric (Krypton)

Table 2.5: Some of the characteristics of the analysed space debris.

Debris characteristics

Orbit Characteristics

e Altitude = 546 km circular e Mass: 1 kg

e Inclination ~ 1.4805° e Body dimensions = g 0.1 m
e Eccentricity = 0.000152

Reference Debris: The analysis of this specific piece of debris, particularly its trajectory and
the details of the analysed conjunction event, will be thoroughly described in Chapter 4 in
which the full conjunction analysis will be described. Unlike Starlink, the space debris geo-
metrical characteristics are completely unknown but a range of dimensions can be assumed
taking into account the fact that the debris is trackable. The US SSN tracks debris and satel-
lites, which are approximately larger than 10 cm for LEO objects and 70 cm for GEO objects
(National Aeronautics and Space Administration, 2008). It can thus be concluded that this
piece of debris is larger than 10 cm in diameter. An overview of some of the debris’ assumed
characteristics can be visualised in Table 2.5.

2.7 Mission and Systems Requirements

With both the mission heritage, the reference mission and the vehicle descriptions, several
requirements can now be set, whose identification (ID) format can be visualised in Fig-
ure 2.11. On one hand, the mission [M] requirements will encompass all requirements di-
rectly related to the satellite [SAT] or debris [DEB] characteristics, the space environment
[ENV] and the reference mission [MIS]. On the other hand, the systems [S] requirements will
enclose guidance [GUI], control [CON] and simulation [SIM] elements. The systems and
mission requirements will be gathered in Table 2.6 and Table 2.7, respectively.

Requirement Requirement
category number

- S
XXXX-OO } Requirement ID
[

Requirement
sub-category

Figure 2.11: Overview of the requirements format.
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Table 2.6: List of systems requirements.

Systems requirements

[S.GUI-01] The performed manoeuvre shall increase the miss distance between objects to an acceptable thresh-
old of 10 km.

[S.GUI-02] The main objective of the guidance system is to burn minimum fuel.

[S.GUI-03] The manoeuvre sequence shall be performed in the most efficient manner.

[S.GUI-04] The guidance system shall be on-board the spacecraft.

[S.GUI-05] The guidance system shall be able to predict the optimum trajectory taking constraints on the
thrust, keep-out volume and boundary conditions into account.

[S.GUI-06] The guidance system shall be able to track the satellite for it to stay close to the nominal trajectory.
Depending on the trajectory segment such distance varies between 1 and 10 km.

[S.CON—-01] The mission vehicle shall be equipped with a main thruster engine.

[S.CON—-02] The main thruster engine shall be a chemical thruster.

[S.CON-03] The main thruster engine shall have nominal thrust capabilities of 10 N in all three directions (X,
Y, and Z).

[S.CON—-04] The main thruster engine shall have a specific impulse of 292 s.

[S.CON-05] The mission vehicle shall be able to perform attitude control, assuming ideal attitude actuators.
[S.CON-06] An LQR controller shall be used for attitude control.

[S.SIM-01] Constant trade-off between accuracy and CPU time shall be performed.
[S.SIM-02] The simulation shall include two objects (satellite and debris).
[S.SIM-03] All 3 DOF and 6 DOF shall be taken into account in the simulation.

Table 2.7: List of mission requirements.

Mission requirements

[M.SAT-01] The satellite shall be a satellite orbiting Earth.

[M.SAT-02] The satellite shall have a mass of 260 kg.

[M.SAT-03] The satellite shall have a body size of 3.2 x 1.6 x 0.2 m.

[M.SAT—-04] The satellite shall be positioned within the crucial LEO spectrum, at an altitude of 550 km.
[M.SAT-05] The satellite shall move in a circular or near-circular orbit.

[M.SAT-06] The mission vehicle choice shall be relevant for research.

[M.SAT-07] The satellite shall have a solar panel size of 3.2 x 0.0075 x 9.6 m + 10%.

[M.DEB-01] The reference debris shall orbit Earth.

[M.DEB-02] The reference debris shall have a dimension larger than 0.1 m diameter (tracking).
[M.DEB-03] The reference debris shall be positioned within the crucial LEO spectrum, between an altitude
range of 450 to 650 km (conjunction analysis).

[M.DEB-04] The reference debris shall come in conjunction with the reference satellite during the mission
simulation time.

[M.ENV-01] All perturbations inducing an error as small as ~ 1 m in space vehicle position over a time of
approximately two orbital periods shall be included.

[M.ENV-02] All perturbations inducing an error as small as = 10~ m/s in space vehicle velocity over a time
of approximately two orbital periods shall be included.

[M.ENV-03] All perturbations inducing an error as small as = 1076 m/s? in space vehicle acceleration over a
time of approximately two orbital periods shall be included.

[M.ENV-04] A trade-off between CPU time and the effect of including a complete environment model shall be
performed.

[M.MIS-01] The reference mission shall cover the avoidance phase of the mission.

[M.MI1S—02] The reference mission process shall start as soon as a conjunction is flagged.

[M.MIS-03] The miss distance between the satellite and debris shall be above the 10 km threshold after
manoeuvre for it to be successful.




26 CHAPTER 2. MISSION HERITAGE

In this chapter, all relevant aspects of the mission heritage essential for the mission at
hand have been thoroughly introduced. From this analysis, the key challenges and oppor-
tunities have been clearly identified, and the reference mission and vehicle have been out-
lined. Building on this foundation, the next chapter will provide a comprehensive analysis
of orbital dynamics. This analysis will offer a deeper understanding of how the satellite nav-
igates through space and the impact of various environmental factors on its trajectory and
overall behavior. These insights will be detailed in Chapter 3.



CHAPTER

3

Orbital Dynamics

To accurately represent and analyse the motion, position and orientation of a space object,
providing an accurate representation of its surrounding environment is crucial. The first
step in doing so is to understand the different elements of such a study. These are the differ-
ent reference frames used to represent the object and the diverse state variables employed
to define the object’s attitude. These concepts will be elaborated in Section 3.1 and Sec-
tion 3.2, respectively. Subsequently, Section 3.3 will present the relevant transformations
required for the conversion between different frames and elements. Moreover, satellites and
debris orbiting Earth experience a multitude of forces and moments altering their trajecto-
ries. Examining and considering these perturbations is essential in motion studies, these
will be presented in Section 3.4 for external forces and moments and in Section 3.5 for in-
ternal forces and moments. Finally, the equations, representing both the translation and
rotational motions of the objects will be introduced in Section 3.6. An overview of the differ-
ent elements that will be elaborated upon in this chapter has been displayed in Figure 3.1.

Reference State . Space Equations of
) Transformations . )
frames variables environment motion

Figure 3.1: Overview of the different sections included in the flight dynamics chapter.

3.1 Reference Frames

Throughout the simulation, a combination of multiple frames will be employed to portray
the state of objects and perform computations. In some cases, certain terms may be more
clearly derived and communicated in a particular reference frame, while others may be bet-
ter represented in a completely different one. It is imperative to possess a comprehensive
understanding of these diverse reference frames and the capability to switch between them
as required. In this scenario, four distinct reference frames will be used: Earth-Centered
Inertial (ECI), Local-Vertical-Local-Horizontal (LV LH), Body-fixed (B), and Propulsion (P)
reference frames. The purpose and geometry of each one will be introduced in the upcoming
sections. In Figure 3.2, a Starlink satellite orbiting Earth, together with the different relevant
reference frames are represented for visualisation purposes.

27
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\ Xecl

Figure 3.2: [Not to scale] Representation of the ECI, LVLH and B reference frames.

Earth-Centered Inertial Frame

The ECI frame establishes its origin at Earth’s centre of mass (com) and remains stationary,
providing an excellent inertial reference frame for describing the propagated state of ob-
jects orbiting Earth. The frame’s orientation is defined as follows: the Z-axis points towards
the north pole, the X-axis is orthogonal to the Z-axis aligning with the vernal equinox, and
the Y -axis completes the right-handed coordinate system. Throughout all simulations, the
J2000 frame will be employed, with the timestamp set at 01/01/2000 at 12:00 terrestrial time.
This reference frame simplifies object motion propagation over time, as it is independent of
Earth’s rotation.

Local-Vertical-Local-Horizontal Frame

The LV LH frame has its origin at the com of the space object with its X-axis pointing along
the radial direction, its Z-axis points in the radial direction of orbit, towards the centre of
mass of Earth in this case. The remaining axis completes the right-handed coordinate sys-
tem. This frame is used in this research for verification purposes, to describe the relative
distance between two objects or the motion of an object with respect to another.

Body-Fixed Frame

The (B) frame is particularly useful when describing the space vehicle’s dynamics for attitude
representation, with respect to another reference frame. This rotational reference frame has
its origin coinciding with the com of the body. Its X-axis lies in the plane of longitudinal
symmetry and is positive in the forward direction, while the Z-axis, also lying in the plane of
longitudinal symmetry, is positive in the downward direction. Finally, the Y -axis completes
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the right-handed reference frame. In this research, this reference frame is applied to derive
the main elements constituting the satellite, including its primary body, solar panel, and
instruments. The Primary-Body-Fixed frame will be centred at the com of Starlink or the
debris, the Solar-Panel-Fixed frame at the com. of Starlink’s solar panel and the Instruments-
Fixed frame at the com of the relevant instruments included in the spacecraft.

Propulsion Frame

The P frame is mainly used by the actuators. The X-axis of this reference frame is collinear
with the thrust force and is positive in the thrusting direction. This propulsion frame can be
described in terms of the body frame using both the elevation angle (¢) and azimuth angle
(w) as will be introduced in Section 3.3.2.

3.2 State Variables

A number of state variables are necessary to describe the state of the space objects. For
this simulation, Kepler elements, Cartesian elements, attitude (Euler) angles, quaternions,
as well as TLE sequences will be employed.

Kepler Elements

The Kepler elements [a, e, i, Q, w, tp], also known as orbital elements, are widely used to
describe the current state of an orbiting vehicle around a central body. They are referred to
as the semi-major axis (a), the eccentricity (e), the inclination (i), the longitude of the as-
cending node (), the argument of perigee (w) and the time of perigee passage (f,). Most of
these are found in TLE sets. The Kepler elements, are constants and keep the same value for
every position in the Keplerian orbit (Wakker, 2015). Even though they are commonly em-
ployed, Kepler elements also have limitations in terms of accuracy, particularly when exter-
nal perturbations are taken into account. Despite these limitations, Kepler elements remain
a valuable tool for describing and predicting the behaviour of objects in space and will be
used in this work for analysis purposes.

Cartesian Elements

The Cartesian elements [x, y, z, X, y, £] also known as rectangular elements, are a way of
expressing the position and velocity of a space object, in 3D, with respect to the origin of an
inertial rectangular coordinate system. These elements define the state of the spacecraft by
expressing its position and velocity as components along the X, Y, and Z axes. This provides
a straightforward representation of the equations of motion, making it easier to describe the
movement of the spacecraft in space and their ephemeris. Using Cartesian elements offers
the advantage of being intuitive and straightforward, particularly for representing linear tra-
jectories. However, they become more complicated when dealing with rotating bodies and
complex systems, where Keplerian elements are often preferred. Using Cartesian elements,
a space object state can be represented by a state vector as follows:

x=(r 7) (3.1)
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Attitude (Euler) Angles

Euler angles [¢, 0, y] also known as attitude angles, are used to represent the orientation
of the body reference frame in relation to either the inertial space or the local horizontal
frame. Usually, depending on the convention used, rotation about the X-axis is referred to
as roll, Y-axis as pitch and Z-axis as yaw. In this research, the attitude Euler angles are used
throughout the development of the LQR controller, to express the attitude of the satellite.

Quaternions

Quaternions [q1, g2, g3, qa], are used to represent the rotation of an object in three dimen-
sions, in an efficient and compact format. Quaternions offer superior data stability com-
pared to Euler angles. By representing rotations in four dimensions, quaternions eliminate
singularities, such as gimbal lock, and enable smooth and continuous rotational represen-
tations. This makes them highly reliable for applications requiring precise and stable ro-
tational computations. However, quaternions also have some disadvantages. Their four-
dimensional nature makes them less intuitive and harder to interpret compared to more
familiar three-dimensional rotation representations like Euler angles. Understanding the
results of quaternion operations requires a deeper mathematical insight, which can compli-
cate their practical use and understanding in some contexts.

Two-Line Elements

TLEs are a standardised format used to define the trajectory of an Earth-orbiting object. As
observed in Figure 3.3, the TLE encompass information on the object’s state and its charac-
teristics. These are derived from several tracking techniques such as ground-based stations
or radar systems. It is important to note that to have an accurate and up-to-date satellite
state, regular updates of the TLE are necessary since they are highly time-dependent. TLE
are used in this research work to analyse the conjunction event.

NORAD Name & Julian day 2" derivative of Ephemeris
catalogue fraction mean motion type
number International Drag term/ Element
designator 1%t derivative of Radiation number &
COSPAR mean motion pressure coef. | check sum

r rr 1

Inclination Eccentricity Mean anomaly Revolution
Right ascension of Argument of Mean humber at epoch
the ascending node perigee motion & check sum

Figure 3.3: TLE sequence information overview.
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3.3 Transformations

As observed in Section 3.1 and Section 3.2, some reference frames and state variables are
used to describe the state and dynamics of space objects orbiting Earth. Being able to trans-
late the motion of an object described in one reference frame to another frame is an essen-
tial skill, this is known as frame transformation. Similarly, the basis of coordinate transfor-
mations (Section 3.3.1), frame transformations (Section 3.3.2) and element transformations
(Section 3.3.3) is important to master allowing the rotation from any initial frame/coordi-
nate/element to another to be achieved either directly or by combining different transfor-
mations principles.

3.3.1 Coordinate Transformations

The transformations from one reference axis to another usually consist of both a translation
and a rotation, meaning both a translation vector and a rotation matrix are required to ex-
press such transformation. According to Mooij (2020), such transformation can be expressed
by means of unit-axis rotations. The unit-axis rotation is a transformation from one right-
handed Cartesian frame to another using a positive rotation according to the right-hand rule.
Such transformation from reference frame A to reference frame B can be derived as follows:

XB 1 0 0 XA
xp=|yp|=10 cosa sina||ya (3.2)
ZB 0 —-sina cosa] \za

From this expression, the unit rotation matrices around the X, Y, and Z-axis for a rotation
about an arbitrary angle a can be derived.

[ 1 0 0
Cx(a)=| 0 cosa sina (3.3)
| 0 —sina cosa |

[ cosa 0 -—sina ]
Cy (a) = 0 1 0 (3.4)
| sina 0 cosa

cosa sina 0 ]
Cz(a)=| —sina cosa O (3.5)
0 0 1 |

Any rotation sequence can be decomposed into a number of sequential axis rotation
steps meaning the resulting matrix transformation can be determined as a combination of
rotation matrices about a specific axis. The final transformation matrix from reference frame
A to reference B contains a total number of three rotations about different axes [- X, -Z, +Y],
leading to the following transformation matrix.

CB'A = Cy (a2) Cz (—a3) Cx (—ay) (3.6)

This expression can be inverted and applied to a transformation from reference B to A if
necessary, leading to the following transformation matrix.

CA/B = C'B/A_1 =Cx (a1)Cz (a3)Cy (—ay) 3.7)
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In terms of Euler angles: The orientation of reference frame B relative to reference frame A
can be described through three successive body-axis rotations and be expressed in terms of
Euler angles. The sequence order matters and is described as follows, with ¢, 8, v, the Euler

angles and A’ and A”, the two intermediate reference frames with basis vectors (a;’, a’, a3") "
and (al/l' az//y a3//)T.
Cz(y): A —A Cy(0):A"— A Cx(¢):B—A" (3.8)

Using the elementary rotations matrices described in Equation (3.3) to Equation (3.5), com-
bining them to see the effect of rotation in one expression, leads to the following expression
of the direction cosine matrix (DCM) of B relative to A in terms of Euler angles CB/4.

b1 611’, d1’ a)
by |=Cx(¢)| a" |=Cx(¢)CyO®)| a' [=Cx(p)Cy©OICz(y)| a (3.9)
b3 613" (13’ as

cP=cx (¢)Cy 0)Cz(v)

cosf cosy cosOsiny —sinf (3.10)
= | sin¢sinfcosy —cos¢gsiny singsinfsiny + cos¢cosy  singcosO
cos¢sinfcosy +singsiny cos¢sinfsiny —singcosy cos¢pcosh

In terms of quaternions: Additionally, as stated above, the transformation from one refer-
ence frame to another can be expressed in terms of the four quaternion elements. This can
be derived by first expressing the quaternions in terms of Euler angles using the following
relations, with 0 the rotation angle about the Euler axis and & = (ej, ez, e3) the unit vector
along which the rotation is performed:

=e sin(g) =e sin(g) =e sin(g) = cos(g) (3.11)
q1=e1 5 q2=e2 5 qs =es3 5 qs = 5 .

These relations can then be used to derive an expression for the direction cosine matrix
parameterised in terms of quaternions, which is described as follows:

1-2(q5+435) 2(qg2+a3qs) 2(q193 - G244)
CB4=C(q,q) = | 2(qeq1—q3q1) 1-2(a>+q2) 2(q2q5+q144) 3.12)
2(g3q1 + q2q4) 2(9392—q1qs) 1-2(qi +q3)

3.3.2 Standard Transformations

Three main frame transformations will be used during simulations; the transformation from
LV LH to ECI frame, the transformation from B to ECI and the transformation from P to B.
These will be respectively introduced hereafter.

From LVLH to ECI frame: The transformation from the LVLH to the ECI frame can be
expressed using three rotations around the ECI frame axis, with i the orbit inclination, Q
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the right ascension of the ascending node (RAAN) and 6, the argument of latitude (sum of
argument of perigee w and true anomaly 8):

Cwin/eci =Cz (0:)Cx (i) Cz (Q)
cosf;cosQ —sinQsinf;cosi cosO;sinQ)+sinQcosicosQ  sinf;sini

= —sinf; —sinQcosf;cosi —sinf,;sinQ)+ cosf;cosicos{) cosl;sini
sinisinQ —sinicos() cosi
(3.13)

From B to ECI frame: The transformation from the B to the ECI frame can be expressed
with the following transformation matrix, with ¢, 8, and y the rotation (Euler) angles or in
terms of quaternions.

Cg/ec1 = Cx (¢) Cy (0)Cz (v)
cosycosf —sinycos¢p+cosysinfsing  sinysing + cosy sing cos ¢ ]

sinyycosf  cosywcos¢g+sinysinfsing —cosysing +sinysinf cos¢
—sinf cosfsing cosfcos¢o

(3.14)

1-2(g5+95)  2(qg2+93qs) 2(q193— G2q4)
Ceieci=C(q,91)= | 2(q2q1 - q3q1) 1-2(q3+q2) 2(q2q5+ q1q4) (3.15)
2(q3q1 + q2q1) 2(93g2—q1g4) 1-2(q5 +q3)

From P to B frame: The satellite thrust force is always defined in the propulsion frame. To
make use of such propulsion force (Fr), it should be converted to the local body frame, lead-
ing to a thrust force modulus and two direction angles (¢ and ). The transformation to the
body frame is represented as follows:

coswcose —siny cosysine
sinycose cosy sinysine
—sine 0 cose

Csip=Cz(-y)Cy(-€) = (3.16)

3.3.3 State Variable Transformations

In addition, to coordinate and reference frame transformations, element transformation is
also essential to master when two states are not defined with the same type of variables or
for better results interpretation. Some relevant transformations will be introduced hereafter.

Transformation from Cartesian elements to Kepler elements: While Cartesian elements
are extensively employed to calculate the equations of motion for the system, the use of Ke-
pler elements is essential for a more meaningful interpretation of the obtained results. Such
transformation will be introduced hereafter. To start with, the position (r) and velocity (V)
of the space objects are respectively computed as follows:

r=v/x2+y2+22 V=1/x2+ 72+ 22 (3.17)

Following this, the semi-major axis, a, and the flight path angle (y) can be computed.

a:; . _x5c+yy+zz' 318
2-1V2i smy=—py . GI¥
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Following this, the eccentricity (e) can be computed using, in which the eccentric anomaly
. rVsiny
esinf = ———- E =arctan

(E) can be found as follows:
arVsiny
via u oa-r

Then, 6 and i can be computed, in which k, the angular momentum vector, is computed
as follows.

0 l1+e E z

/= —_ i = arccos|— =
M TVI= 2 (nhn) h=rxv. G20

(3.19)

Following the same logic, the RAAN can be computed.

Q=atan2 (hy, —hy) (3.21)

Transformation from Kepler elements to Cartesian elements: In the event where only Ke-
pler elements are known, one could want to transform them to Cartesian elements for ease of
interpretation. As introduced in Section 3.2, Cartesian elements have the advantage of being
intuitive and straightforward, particularly for representing linear trajectories. As suggested
by Wakker (2015), the position of the celestial object needs to be defined in a Cartesian frame,
centred on Earth, with one axis directed towards the perigee of the orbit (¢), another axis (1)
pointing to the semi-latus rectum, and the third axis perpendicular to the orbital plane of the
Earth-orbiting body as described below. When 6 is unknown, one can use Equation (3.23) to
describe such frame, with the matrix elements described as follows:

X ll lz

( ¢ ):( rcosd ) (3.22) yl=m m ( 7‘; ) (3.23)

n rsinf
z n no

l; =cosQcosw—sinQsinwcosi
I, = —cosQsinw —sinQ coswcos i
my =sinQcosw + cos{2sinwcos i ”
my = —sinQsinw + cosQ coswcos i (8.24)
n; =sinwsini

Ny = coswsini

The space object’s velocity can then be computed, with the angular momentum (h):

Vy L b

—sinf
v, :”—’f my my (e+cose) (3.25)

V. ny Ny

h=\/uga(l1-¢?) (3.26)

Transformation between Euler angles and quaternions: During control simulations, both
Euler angles and quaternions will be used. The transformation form Euler angles to quater-
nions, and vice-versa, is an important and widely used one in simulations. On one hand,
quaternions offers great numerical stability and introduces stability-free computations. On
the other hand, Euler angles representations have the advantage of being intuitive and easy
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to interpret. For these reasons and for the ease of results interpretation, it is essential to mas-
ter conversions from one to the other.

From Euler angles to quaternions:

0 sin % cos g cos % —cos % sing sin%
¢ qin 8 D, in® 0 i @
cos 5 sin 3 cos % +sin % cos 5 sin =
2 |7 | cooteonhoin® — sin?sinfoosd ©27)
q3 cos g cos g sin 7@— sin %)sm %cos g
q4 COS 7 COS 5 COS 5 + Sin 3 sin 5 sin %
From quaternions to Euler angles:
¢ atan2 (2(qoq1 + g293),1-2(q% + g5))
6 |= asin(2(qog2 - g3q1)) (3.28)
) atan2 (2 (qoqs + q192),1-2(q% + q3))

Transformation from TLE to Kepler elements: When TLEs are accessible, it is frequently
necessary to initially convert them to Kepler elements, which are, for most of them, already
present as is, within the TLE sequence as observed in Figure 3.3. This conversion allows for
direct retrieval of an object’s attitude. Its Cartesian position and velocity, using the transfor-
mation from Kepler to Cartesian elements described earlier can also directly be computed.
This practice is widely employed, particularly in conjunction analysis, for instance. While
most Kepler elements are found as is in the TLE sequence, both a and 7, should neverthe-
less be computed using other elements found in the TLE sequence. The semi-major axis
(a) is computed using the mean motion (n), taken from the TLE and converted to rad/s
as observed. Then, the time of perigee passage (f,) can be computed, with M, the mean
anomaly found in the TLE sequence, and ug Earth’s standard gravitational parameter (ug =
3.986004418:10' m3/s?).

3 M
e ( UE ) ty = (3.29)
21 2 HE
(86400 n) as

3.4 External Forces and Moments

When travelling in space, spacecraft and debris encounter diverse external forces which dis-
rupt their trajectories and induce changes in the Kepler elements. Neglecting these forces
leads to inaccurate orbit propagation, causing simulated trajectories to significantly diverge
from actual ones. A simulation of the different forces acting on a Starlink satellite, located
at approximately 550 km altitude, can be visualised in Figure 3.4. In the figure, the posi-
tion difference between a perturbed and unperturbed orbit is displayed. The unperturbed
orbit experiences only the primary gravitational field of Earth. To assess the influence of
Earth’s spherical harmonics (SH) on the trajectory, they are compared with a model hav-
ing one order and degree lower (e.g., comparing Earth’s SH 8/8 with Earth’s SH 7/7). The
same analysis has been performed on relative velocity and acceleration, with maximum de-
viations outlined in Table 3.1. Considering the information presented in the diagram, the
table, along with the requirements outlined in [M.ENV-01], [M.ENV-02], and [M.ENV-03],
the significant perturbations resulting from this mission can be determined. Moreover, CPU
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time must be considered [M.ENV-04]; the inclusion of numerous forces may substantially
increase simulation time, posing challenges for simulations. Therefore, a trade-off between
representation accuracy and simulation time needs to be addressed. In this context, the rel-
evant forces and resulting moments to be included in the model are:

e Earth’s gravity and spherical harmonics up to degree and order 32,
e Earth’s induced gravitational and magnetic torques,

* Moon’s point mass (PM),

* Sun’s PM,

* Solar radiation pressure and moment, and

* Aerodynamic drag and moment.

5
300 2.5 X0 ‘ ‘ ‘ 14
Earth SH 2/2 Earth SH 16/16 /’
Moon PM — — Earth SH 32/32
- = Sun PM —-—- Earth SH 64/64 412
240 2 H|—-—-Aerodrag Earth SH 4/4
Earth SH 8/8

180 1.5

[AYIRGY)

120 1

60 0.5

Propagation time (s) «10°

Figure 3.4: Effects of environmental disturbances on a Starlink satellite at an altitude of 550 km, over a period of almost 3 hours.

Table 3.1: Effect of the environment on Starlink’s trajectory. Analyse of the relative velocity and acceleration between a per-
turbed and unperturbed orbit over a period of 3 hours (almost two orbital revolutions).

Perturbations effects on Starlink

Perturbations | max [|AV|| (m/s) | max ||Aa|| (m/s?)
SH 2/2 =~ 10° =~ 1071
SH 4/4 =~ 1071 ~ 1074
SH 8/8 =~ 1071 ~ 1074
Aero drag ~ 1072 =~ 107°
SH 16/16 =~ 1072 =~ 107°
Moon PM =~ 1073 = 107°
Sun PM =103 ~ 1078
SRP =~ 1073 =~ 1078
SH 32/32 =~ 1073 ~ 1078
SH 64/64 ~ 1074 =~ 1077
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It is important to highlight that a similar analysis has been conducted for the propa-
gation of space debris. The outcome indicates that both objects will progress in identical
environments, the same forces and moments will be applied to both scenarios, having dif-
ferent characteristics (geometry, material, etc.). The different relevant atmospheric models
that have been used for simulation will be introduced in Section 3.4.1, Earth’s environment
will be detailed in Section 3.4.2 followed by the third body attractions in Section 3.4.3, the
solar radiation pressure in Section 3.4.4 and the propulsion effects in Section 3.4.5.

3.4.1 Atmospheric Model

Earth’s atmosphere is made out of a number of particles, which interact with objects orbiting
it. Its density decreases the further away from Earth the object is. This means that the further
away from Earth, the smaller the atmospheric drag is, and thus the smaller the atmospheric
perturbation is on this space object. On the other hand, the closer to Earth, the more drag an
object is experiencing. For the mission at hand, with the Starlink satellites being located at
an altitude of approximately 550 km [M.SAT-07], which is rather low, the atmospheric drag
should be taken into account in the model. Its effect on the space object, as can be observed
in Figure 3.4 and Table 3.1, is high. The atmospheric acceleration experienced by a space
object can be computed using Equation (3.30) in which p is the atmospheric density, v the
velocity of the satellite relative to Earth’s atmosphere, m is the object’s mass and Cp, is the
drag coefficient related to the vehicle’s reference surface (A).

1 A
adrag =—Cp-p—IVIV (3.30)
2''m

The resulting torque experienced by each element of the object can be defined using the
cross product of momentum as observed in Equation (3.31):

Mgrag =Tem X Farag 3.31)

The air density (p) can be derived using a pertinent atmospheric model. Various atmo-
spheric models have been simulated over the years, and one such model is the US stan-
dard atmosphere established in 1976. This revised version of US62 provides a framework de-
scribing the variations in pressure, temperature, density, and viscosity of Earth’s atmosphere
with altitude. For enhanced accuracy, the NRLMSISE-00 atmospheric model is employed.
This model incorporates satellite accelerometer and mass spectrometer data, as detailed in
Wakker (2015). Recognised as one of the most comprehensive models for precisely simulat-
ing Earth’s complex atmosphere, NRLMSISE-00 surpasses the accuracy of US76, making it
the preferred choice for simulations. Moreover, this model has already been developed, and
tested through simulations, and is now readily available to use in MATLAB® Simulink.

3.4.2 Earth’s Environment

As observed in Figure 3.4, when in LEO, the largest perturbation acting on a satellite is Earth’s
gravitational force. If it was assumed to be concentrated at its centre, it could be expressed

using the following relation:
___HE

ag = _||1‘||3r (3.32)
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Being not spherical, additional perturbations are introduced due to the changes in its
internal mass distribution, resulting in changes in its gravitational potential. According to
Wakker (2015), Earth’s gravitational field potential, U, at a point outside Earth and the gravi-
tational acceleration can be expressed as follows:

00 R n oo n R n
u=-E [1— Y ]n(7) Py(sing) + Y. Y ]n,m(7) Py m(sing) {cosm (A= Ay m)}
= n=2m=1
(3.33)

asg = AU(FEarth-object) (3.34)

This relation is expressed in terms of Earth’s spherical harmonics, the body’s spherical
coordinates r (distance), geocentric latitude (¢b), and geographic longitude (A) and the Leg-
endre polynomials (P, P, ) of degree n and order m whose expressions are the following:

Pum(x) = (1-x%) 2 d7Pn(x) (3.35) Pp(x) =

NI
dxm (-2)"n! dx" (1-x% (3-36)

This expression takes into account the perturbations exerted on the orbiting body due
to Earth’s irregularities (deep oceans, high mountain ranges, lakes), being the direct result
of strength variation of the gravitational force on Earth’s surface. These anomalies are de-
scribed using spherical harmonics. As described earlier, and as can be observed in Figure 3.4,
the spherical harmonics up to order and degree 32 (Js32,32) will be selected. The effects of
higher terms spherical harmonics are not relevant enough for the selected altitude bands
and accuracy requirements, if added they would lead to high computational time.

3.4.3 Third Body Attraction

Besides Earth, other celestial bodies (third bodies) can exert forces on orbiting objects, caus-
ing perturbations in their trajectories. As illustrated in Figure 3.4, the Moon and the Sun
emerge as the two most influential third bodies in terms of perturbation. The accelera-
tion experienced due to a third body, can be represented using Equation (3.37) from Wakker
(2015). In this equation, apeqy denotes the gravitational attraction acceleration from the
perturbing body (Moon or Sun), ppedy represents the gravitational parameter of the body,
and r represents the distances between the object or Earth and the perturbing body.

Tbody-object YEarth-body

Apody = —Hbody (3.37)
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3.4.4 Solar Radiation Pressure and Activity

Even if small, solar radiation pressure (SRP) is a relevant disturbance to be taken into account
since it can disturb trajectories. In February 2022, a solar geomagnetic storm affected 38 of
the 49 newly launched Starlink satellites. This event caused them to deorbit and burn up on
their way down using atmosphere thickening and the drag increase (Kataoka, Ryuho et al.,
2022). According to Wakker (2015), SRP is the force produced by the solar photons’ impacts
on the space objects. The SRP force is highly dependent on the object’s orientation, shape,
and material. A first approximation used to model such acceleration is using the cannonball
model for the object. In this model, the object is assumed to be spherical and have constant
surface properties. The SRP acceleration can thus be computed using Equation (3.38), with
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C; the reflectivity coefficient (from 0 for an ideal absorber, to 1 for an ideal reflector), A the
area of the assumed sphere, m the object’s mass, and Pgrp the solar radiation pressure at a
distance r from the Sun.

PSRpCrA r

(3.38)
m (b4l

aspp = —

3.4.5 Propulsion Force and Moment

To effectively manoeuvre, satellites might make use of propulsion systems to thrust and ad-
just their position, especially when performing CAMs. These actions generate propulsion
forces (Fr) and moments (M7), which are termed as follows, with rr the thruster’s location.

MT =rr X FT (3.39)

It should be noted that Equation (3.39) is valid for one thruster, in the case where multi-
ple are on board, the summation of each force and moment induced should be taken.

3.5 Internal Forces and Moments

In addition to external forces and moments acting on the satellite and debris, which have
been described in Section 2.1, two internal forces and moments, introduced by the variable
mass nature of the problem should also be analysed. These internal forces are the Cori-
olis and relative forces and moments, which are solely related to the mass-variation due to
propulsion since a non-elastic vehicle is assumed. The effects due to variable mass and rota-
tional rate are assumed to be small and are ignored. As described by Mooij (1997) the centre
of mass flow of most satellites is located on the X-axis; leading to small rotations about the
Y and Z-axis and negligible Coriolis forces.

3.6 Equations of Motion

The state of the space objects, which evolve with time, can be described through several
EOMs. In this subsection, both the general translational EOM (Section 3.6.1) and rotational
EOM (Section 3.6.2) will be introduced, which are respectively, the motion of the centre of
mass (com) of the space object, and the motion around their com, introducing the 6 degrees
of freedom (DOF) motion definition [S.SIM-03].

3.6.1 Translational Motion

For most simplified simulations, Newton’s second law of motion can be applied to the ob-
ject’s circular orbit to describe its motion. In this model, the influence of all other forces and
moments is neglected, leading to a first approximation of the object’s motion around the
central body (Earth). Describing such motion between the object in question and the main
body (Earth) in the ECI reference frame leads to Equation (3.40).

HE
i
To accurately define the total acceleration of the space objects in orbit, all the perturbing
forces (Fper¢) that are relevant should be taken into account. Expanding Equation (3.40) for
it to reflect on the complexity of the problem at hand, leads to the following expression.

(3.40)
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As introduced in Section 3.4, the relevant external forces for the problem at hand are
Earth’s gravitational force (Fg), the aerodynamic drag (Fgrag), the third body attraction of
the Moon (Fp0r) and of the Sun (Fs,;,), and the solar radiation pressure (Fsgp). In addition
to the environmental perturbations, the disturbances induced by the propulsion system (Fr)

should equally be taken into account.

(3.41)

dr

mﬁ = Fg+ Farag + Fmoon + Fsun + Fsrp + Fr (3.42)

3.6.2 Rotational Motion

The rotational motion of a vehicle encompasses two types of motion: attitude kinematics
and attitude dynamics. Both will be introduced hereafter.

Attitude Kinematics

The attitude kinematics represent the rotation of the satellite on itself, the change in body-
fixed reference frame with respect to itself. The body attitude is popularly represented using
either Euler angles or quaternions. As will be observed at a later stage during the research,
although convenient for means of interpretation, the use of Euler angles introduces singu-
larities in the model (at 8 = + 90°) while quaternions have the advantage of removing those.
This comes with the expense of not being easy to interpret. It is for this particular reason that
both representations are still used nowadays. Both will be introduced hereafter, with details
on the derivation found in Mooij (1997).

On one hand, the definition of the object’s attitude with respect to the inertial frame, in
terms of Euler angles can be described as follows.

¢ 1 sin¢gtanf cos¢tanf) (w;

0l=10 cosep —sing ||w, (3.43)
; sin¢g cos¢p

(4 0 cosf cosf w3

On the other hand, the definition of the objects (body frame) with respect to the inertial
planetocentric frame, in terms of quaternions, can be described as follows.
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Attitude Dynamics

The vehicle dynamics are influenced by several disturbing moments that have been intro-
duced in Section 2.1. For the problem at hand, some assumptions have been made to allow
the vehicle to be defined as a variable-mass, rigid body. It will not have a constant mass
throughout the mission, but it will be assumed that the propellant is expelled in such a way
that no sloshing or imbalances are experienced. In addition to this, it will be assumed to
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be fully rigid, neglecting all induced vibrations. From this, the equation of rotational mo-
tion can be described using the so-called Euler equation, according to Mooij (2020) and Wie
(1952), with all the external moments (M,y¢) acting on the vehicle expressed along the body
axis, the inertia tensor I of the vehicle and w the angular velocity about the vehicle’s com.

@=I" My —w x Iw) (3.45)

With a comprehensive analysis of the surrounding environment now complete, and with
the relevant reference frames, transformation principles, variables, and equations of motion
thoroughly introduced, the foundation is set for the remainder of the study. The focus will
now shift to guidance and control strategies aimed at collision avoidance. To initiate this
phase of the research, the principles of conjunction analysis — essential for evaluating po-
tential conjunctions — will be introduced in the forthcoming chapter, Chapter 4. This will
provide the necessary framework to effectively address the complexities of collision avoid-
ance in satellite operations.






CHAPTER

Conjunction Analysis

A conjunction occurs when two objects pass each other within a pre-determined threshold
distance. To initiate a collision avoidance manoeuvre, it is necessary to ascertain the pos-
sibility and timing of a conjunction. To find such a potential conjunction, the orbits of the
objects involved are extrapolated to assess if the minimum distance between objects falls be-
low a predefined screening threshold. This miss distance between two objects also referred
to as the distance of closest approach, is determined by taking the difference between both
position vectors over time and finding the minimum distance as well as the moment when
this happens.

Performing a comprehensive examination of all object pairs (known as all-vs-all) demands
excessive computational resources and is not an efficient or practical choice, especially in
time-sensitive situations where swift actions are imperative. This highlights the need for
computational-efficient techniques. Various methods, ranging in complexity and efficiency,
can be employed for this analysis. While the conjunction analysis is not the main focus of
this thesis work, a comprehensive analysis has been conducted to address a real-life scenario
and illustrate the complexities of defining such conjunctions in the first place.

The mission at hand actually starts when a potential conjunction has been found and with
that, the guidance sequence is triggered to perform a CAM [M.MIS-02]. The subsequent
sections will outline the different stages of this analysis. Firstly, in Section 4.1, the problem-
specific conjunction will be defined together with a discussion on the appropriate miss dis-
tance in Section 4.2. Then, Section 4.3 will delve into the specifics of the first-order con-
junctions finder, including how the space object catalogue was used, and the processes of
retrieval, computation, filtering, and propagation of data. Finally, Section 4.4 will elaborate
on how this conjunction information is used and integrated into the simulator for the rele-
vant problem. An overview of the different steps included in a typical conjunction analysis
can be found in Figure 4.1.
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Figure 4.1: Overview of the different steps included in the conjunction assessment.
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4.1 Satellite / Debris Conjunction Assessment Screenings

Conjunction occurs when objects approach each other within a certain distance. If the
threshold distance is reached, an evasive manoeuvre should be planned. Understanding and
identifying such conjunctions are crucial for further study and efficient manoeuvre plan-
ning. Initially, it is important to establish the specifics of the conjunction for the mission at
hand. The process must be reliable to detect relevant conjunctions while avoiding irrelevant
ones. Typically, the probability of conjunction is used to determine whether a manoeuvre is
necessary, often in the order of 10~ for manned missions and 10~ for others. Defining what
constitutes a 'dangerous’ conjunction and the risk linked with a conjunction is beyond the
scope of this thesis, for more information on different practices, readers are referred to the
work of National Aeronautics and Space Administration (2020). What is important to master
for the work at hand is to find any relevant conjunction that will trigger the guidance system
and perform an evasive manoeuvre. Multiple criteria can be analysed to find the most ac-
curate potential conjunction (that will be used for further analysis). From these, common
used ones are the miss distance, the probability of collision and the covariance matrix (the
uncertainty in position and velocity). Since finding the most accurate conjunction analysis
is not at the heart of this thesis work, it has been decided to solely look at the miss distance
between objects. A discussion on this will be established in the upcoming section.

4.2 Miss Distance Discussion

Establishing a miss distance threshold implies that space missions will only respond to po-
tential conjunctions if the miss distance falls below this threshold. The selection of this
threshold requires careful consideration; it must strike a balance between avoiding unneces-
sary manoeuvres due to excessively large thresholds and preventing catastrophic outcomes
by not setting it too small and potentially missing genuine collision risks. In this work, it has
been decided to solely look at the miss distance between debris and a Starlink satellite to
assess the need for manoeuvre. Conjunction assessment screening involves constructing a
volumetric region around the primary object’s position and moving this volume along the
predicted ephemeris. If any object penetrates this volume, a conjunction is flagged and the
need for an evasive manoeuvre is assessed. To perform such analysis, a miss distance thresh-
old has been selected based on the literature review and satellite characteristics.

An analysis conducted in National Aeronautics and Space Administration (2020) suggests
that a simplified risk-tolerant conjunction assessment could use a threshold of 2 km. How-
ever, it is argued that implementing such a threshold would result in numerous unnecessary
mitigation actions, as many events with miss distances below 2 km may not pose significant
risks given their low probability of collision. For instance, the number of events with a miss
distance of less than 1 km and a probability of collision (P.) less than 1073 (thus considered
non-serious) exceeds those with P, greater than 103 by six times. This analysis highlights
the need for the threshold not be to excessively large to avoid overlooking potential con-
junctions. Equally, it should not be set too low to ensure that no potentially catastrophic
conjunctions are overlooked. When analysing the miss distance used for the ISS, the margin
is orders of magnitude larger, with a of +2 (local vertical) x 25 x 25 km (local horizontal) keep-
out volume. In addition to this, according to Laporte (2014), for the emergency criteria, up
to three days before TCA, the recommended overall miss distance criteria for LEO is 1 km
and the radial is 200 m. Additionally, its 95% capture criteria, which comes with a seven days
notice sets the overall miss distance to 40 km and radial to 800 m. Considering these stan-
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dards and the characteristics of most Starlink satellites (altitude = 550 km, cross-sectional
area = 31.36 m?, velocity = 7.5 km/s, and unmanned), a miss distance threshold of 10 km in
all directions has been established [M.MIS-03]. On the conservative side, this miss distance
threshold has been established as the standard for this analysis. This threshold strikes a bal-
ance between the stringent precautions for the manned ISS and in comparison the less strict
threshold for LEO satellites, ensuring that no very close conjunctions are overlooked. From
the analysis performed by Lorda and Fremeaux (2008), among 75 conjunctions detected,
only 23 had a miss distance below 10 km, showing that this threshold is not drastically large
and does encompass a fair number of important conjunctions. In addition to this, it is stated
in this research that all alerts showing a miss distance lower than 10 km were then further
analysed by the flight dynamics team. The 10 km miss distance scenario is illustrated in Fig-
ure 4.2, which highlights the keep-out volume to be met. From this scenario, assuming the
closest approach of a minimum of 10 km, with objects travelling in LEO at high velocities (=
7.5 km/s) leads to a resolution of 1.3 s, meaning the maximum integration step size should
be in the same order for the simulation to be accurate. This would require a large CPU time
if no data filtering is performed beforehand.

Overall, this analysis suggests that relying solely on simplistic miss distance thresholds
derived from theoretical predictions for assessing conjunction risks has several limitations.
Itisrecommended that decision-making should incorporate broader analytical data and fac-
tors beyond just miss distance and probability of collision. However, this broader approach
lies beyond the scope of this thesis. Although a miss distance of 10 km has been used for
this analysis, it has also been set as an input parameter in the simulation, allowing for easy
modification at any time. This flexibility enables a more detailed and specific conjunction
analysis to be integrated into this research work in the future.

Now that the conjunction assessment and its characteristics have been outlined, the
methodology for identifying such conjunctions, including where to obtain the relevant data
and the different processing procedures required to get a relevant and not CPU-intensive
conjunction analysis will be described.

@ Volumetric region \

@ Starlink satellite

—

@ Space debris

Figure 4.2: [Not to scale] Overview of the conjunction assessment screening in which a volumetric region is used to define
potential conjunctions.
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4.3 Statistical Conjunction Assessment

The conjunction assessment will purely be based on the miss distance between objects. To
compute the relative state of each pair of objects, TLEs are required. These are first retrieved
(Section 4.3.1), then analysed and processed (Section 4.3.2). After this, filtering steps are nec-
essary to filter out irrelevant objects and reduce the CPU load (Section 4.3.3). The relevant
objects are then propagated and conjunctions are detected (Section 4.3.4).

4.3.1 TLE Retrieval

To start with, the full catalogue of space objects’ latest TLE will be downloaded using the
ELSET search tool from Space-Track'. This will output a .txt file with the last TLEs of all space
objects (North American Aerospace Defense Command (NORAD) from 1 to 58930) available
on the day of retrieval (09/02/2024). The second step is to retrieve the data of all relevant
objects for the analysis. A first filtering can already be done at this stage, to only include the
objects that are in orbit (e.g., no decay date). These will be filtered and downloaded using
the Query Builder tool from Space-Track®. A .csv file will be outputted, including data such
as the objects NORAD, name, decay date, launch date, and more. An example of such a file
has been displayed in Table 4.1.

INTLDES NORAD_CAT_ID OBJECT_TYPE SATNAME COUNTRY LAUNCH SITE DECAY PERIOD INCLINATION  APOGEE PERIGEE
2019-074AK 44746 PAYLOAD STARLINK-1041 US 11/11/19 AFETR 95.59 53.06 548 546
2019-074AL 44747 PAYLOAD STARLINK-1042 US 11/11/19 AFETR 95.41 53.05 540 537
2019-074AM 44748 PAYLOAD STARLINK-1043 US 11/11/19 AFETR 95.59 53.05 548 546
COMMENT COMMENTCODE RCSVALUE RCS_SIZE  FILE LAUNCH_YEAR LAUNCH_NUM LAUNCH_PIECE CURRENT OBJECT_NAME OBJECT_ID OBJECT_NUMBER
0 LARGE 8695 2019 74 AK Y STARLINK-1041 2019-074AK 44746
0 LARGE 8696 2019 74 AL Y STARLINK-1042 2019-074AL 44747
0 LARGE 8696 2019 74 AM Y STARLINK-1043 2019-074AM 44748

Table 4.1: Part of the .csv file retrieved with Space-Track’s Query Builder tool.

4.3.2 TLE Processing

With both data files retrieved, the data processing can start. This processing step is crucial to
get the information required to find a conjunction. In this specific case, a series of filtering
on the type of objects, perigee and apogee will be performed as described in Section 4.3.3.
For this reason, both files should be combined using the NORAD as the common informa-
tion between each data. By doing this, a new .txt file combining the objects’ information
(non-decayed) and TLE has been created. Using the information in this file, an extra line
has been added, one in which the Cartesian position and velocity of each object have been
computed using the transformation equations found in Section 3.3.3. The output file of such
processing is a .txt file having four lines per object; an example can be visualised in Table 4.2
(line 1 has the object information, lines 2 and 3 are the object’s TLE and line 4 contains the
object’s Cartesian position and velocity). With both files grouped and new elements com-
puted, all necessary data for filtering is now available.

2019-074AK|44746|PAYLOAD|STARLINK-1041]US|11/11/19|AFETR| |95.59]53.06|548|546] | |0|LARGE|8695|2019|74|AK|Y|STARLINK-1041]2019-074AK|44746
1 44746U 19074AK 24039.02660835 .00001986 00000-0 15225-30 9996

244746 53.0541 41.37150001754 80.4101 279.7086 15.06393605233710

4790.270251 4947.751179 727.208615 -3.736903 2.732722 6.010849

Table 4.2: Overview of the processed .txt file that will be used for further analysis in the conjunction analysis.

1Space-Track, ELSET Search tool, https:/ /www.space-track.org/#gp [Last visited on 26/02/2024].
2Space-Track, Query Builder tool, https:/ /www.space-track.org/#queryBuilder [Last visited on 26/02/2024].
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4.3.3 Obijects Filtering

To decrease processing time, satellite-conjunction prediction tools frequently use techniques
aimed at minimising the number of objects involved in the analysis. In this specific case, at
the date of retrieval (09/02/2024) the full catalogue of space objects’ counted a total of 58,930
potential objects. If no filters would have been applied, the all-vs-all analysis would have
lead to a total of 1,731,025,985 combinations to analyse, as suggested by Equation (4.1). This
highlights the need for data filtering.

n _L 4.1)
k| kK(n-k! ’

As described above, some pre-filters have already been applied to the current data set,
which only includes non-decayed tracked objects and Starlink satellites as one of the two ob-
jects involved. Diverse filters are applied to pinpoint orbital combinations that are unlikely
to pose a threat within a specified time frame. These identified pairings are subsequently
excluded from further analysis, reducing the overall computational process. For this specific
case, a simple but efficient apogee-perigee filter, developed by Hoots et al. (1984), has been
used to eliminate irrelevant pairings. This filter works on the basis of eliminating pairings
that cannot result in conjunctions because there is no overlap in the range of radius values
encountered by the two trajectories, the scenario is highlighted in Figure 4.3. In this partic-
ular case, there is prior knowledge that one of the two objects follows a circular trajectory at
an altitude of approximately 550 km, making this technique straightforward to use. After the
filtering process, two distinct datasets emerge: one containing all pertinent Starlink satellites
(considered as primary objects), and another dataset consisting of all potential candidates
for conjunction. These datasets will be used in the subsequent phase of the conjunction
evaluation for further analysis and filtering.
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Figure 4.3: [Not to scale] Perigee-apogee filter visualisation.
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4.3.4 Objects Propagation and Conjunction Detection

The MATLAB® code conducts object propagation to pinpoint potential close encounters be-
tween Starlink satellites and debris orbiting Earth. Initially, TLE data is imported from speci-
fied files for both sets of objects. Subsequently, the Simplified General Perturbations 4 model
(SGP4) propagator is employed to predict the positions and velocities of each Starlink satel-
lite and debris object at discrete intervals. SGP4, widely recognised for its simplicity and
speed, efficiently computes orbital state vectors for near-Earth satellites (with orbital peri-
ods of less than 225 min). This model has been developed by Cranford and Lane (1969) and
later improved by Hoots et al. (1979). It includes a large panel of orbital data since it is used
by the NORAD to track all observable satellites daily. Additionally, it makes use of analytical
gravitational and atmospheric models. While it is acknowledged for its efficiency, SGP4 ex-
hibits an average error growth of 1 to 3 km per day according to Vallado et al. (2006). During
simulation, each time step systematically assesses the proximity of all satellite-debris pairs.
Should the calculated distance dip below a predefined threshold, indicative of a potential
conjunction, the code logs pertinent details including timestamps, object names, and cal-
culated distances. These details serve as inputs for subsequent, more detailed Simulink®
simulations to accurately assess actual conjunction events. Despite its relatively low accu-
racy for larger propagation times, SGP4 is initially favoured due to its efficiency in CPU time,
providing an initial estimation of potential conjunctions for further analysis steps.

4.4 Conjunction Simulation

The output data gathered from the method outlined in Section 4.3.4 have undergone veri-
fication using a more sophisticated simulation model developed within Simulink®. Further
details on this simulation model can be found in Chapter 7. During this verification phase,
discrepancies between the predictions made by the SGP4 model and the outcomes derived
from the Simulink® simulation, which incorporates object geometries and more accurate
perturbation models, were observed. Notably, when propagating pairs of objects anticipated
to undergo conjunction, significant disparities in miss distance and conjunction timing were
noted, sometimes differing by several orders of magnitude from the initial predictions. This
disparity underscores the limitations of relying solely on the SGP4 model, as its inaccuracies
could lead to unnecessary manoeuvres or, conversely, failure to execute necessary manoeu-
vres, potentially resulting in catastrophic scenarios. While the SGP4 propagator serves as
a rapid means of identifying pairs with potential conjunction events, its lack of precision
necessitates further investigation using a more robust system. To further work on the con-
junction assessment, it has been decided to use one of the conjunction scenarios and adapt
the non-linear simulation in such a way that an accurate conjunction would be found, trig-
gering a manoeuvre. This approach allows for a manoeuvre performance based on a realistic
scenario. This scenario has been described in Figure 4.4, outlining a conjunction event on
February 9, 2024, at 4h 39min 39s, between the Starlink-4039 satellite (#52683). The con-
junction involves the unchanged propagated trajectory, taking the last available TLE before
the conjunction and a Falcon 9 piece of debris (#48609) with modified Kepler elements to
simulate artificial conjunction on the basis of the conjunction initially found using the SGP4
propagator (Section 4.3.4). During this event, the computed miss distance between the satel-
lite and debris was found to fall below the set 10 km threshold, registering a miss distance of
7,887.06 m, as depicted in Figure 4.5. The miss distance naturally increases with each sub-
sequent orbit. This scenario will further be used in this study to illustrate the CAM using a
real-life scenario.
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Figure 4.4: Overview of the conjunction scenario (no collision) between Starlink satellite (#52683) and debris. This has been
constructed using the TLE of Starlink satellite on February 9, 2024, at 3h 52min 24s. TLE was taken from Seradata®.
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Figure 4.5: Miss distance overview from the outlined conjunction scenario between a Starlink satellite (#52683) and a debris
on February 9, 2024. A conjunction was flagged since the miss distance between objects fell below the 10 km threshold.

3Space-Track, ELSET Search, https:/ /www.space-track.org/#gp [Last visited on 20/03/2024].
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Having detailed the key steps and components essential to conjunction analysis in this
chapter, the specific conjunction scenario to be addressed is now clearly defined. With this
understanding, the next phase of the study will concentrate on developing strategies to avoid
the identified conjunction. The next phase of the research will begin by introducing the guid-
ance sequence for CAM, which will be detailed in Chapter 5. This will serve as the foundation
for developing effective control strategies to mitigate the risk of collision, ensuring the satel-
lite’s trajectory is safely adjusted.



CHAPTER

Guidance

To safely and robustly perform collision avoidance manoeuvres and efficiently move the ve-
hicle, an onboard guidance system is required [S.GUI-04]. The guidance process refers to
the combination of the required size and direction of the AV requirement to enable the
spacecraft to perform its manoeuvre, meeting its requirements on flight time, precision, fuel
consumption and risk casualty. For collision avoidance, a guidance sequence will be de-
veloped to manoeuvre in the most efficient manner [S.GUI-03]. The satellite should thus
be guided to its desired state, following an optimal trajectory, meeting the requirement on
miss distance [S.GUI-01] but also on propellant consumption [S.GUI-02]. A tool for swiftly
generating optimal paths in real-time, considering a specified objective function along with
dynamics, control, and state constraints, is the convex optimisation method [S.GUI-05].
This method has been instrumental in formulating the initial stage of the guidance process
(known as nominal guidance), tasked with determining the optimal trajectory path for the
given problem. The second part of the guidance is performed using continuous tracking,
being one of the analysis objective of the study. For this, an LQR controller is used to en-
sure accurate execution of the nominal guidance by the satellite [S.GUI-06]. This chapter
first outlines the objectives of guidance (Section 5.1), which serve as the foundation for the
entire guidance system. Next, an overview of the guidance CAM procedure (Section 5.2)
is presented, detailing the various guidance segments. Then, a discussion on convex op-
timisation (Section 5.3) introduces its applications and theory, providing the groundwork
for this complex algorithm. Subsequently, the theory and specifics of the nominal guidance
sequence are detailed (Section 5.4). Lastly, the tracking guidance sequence, essential for pre-
cise execution, is described (Section 5.5). This comprehensive chapter provides insights into
the entire guidance sequence, including its theoretical framework and operational steps. An
overview of the guidance sequence is depicted in Figure 5.1.
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Figure 5.1: Overview of the different steps included in the guidance segment.
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5.1 Guidance Objectives

The general aim of the guidance segment is to guide the satellite into performing an opti-
mum manoeuvre. This can be translated into several sub-objectives, making this problem
a multi-objective problem. The primary aim of the guidance segment, and the one guid-
ing the entire guidance algorithm, is to minimise thrust throughout the duration of the
flight [S.GUI-02]. This objective can also be translated into having the smallest Am, be-
ing the most efficient in terms of manoeuvrability, the most time efficient, and the most
performance-wise efficient (for operators, performing a manoeuvre is synonyms with losing
operational time since during manoeuvre all operations are usually switched-off). From this
main objective, a number of sub-objectives can flow, defining the guidance system:

e Fuel-optimal,
 Safety-optimal,

e Time-optimal, and

¢ Lowest environmental impact.

5.2 CAM Guidance Sequence

Once a potential conjunction is flagged, the satellite’s guidance system is immediately turned
on and a guidance procedure is to be performed to avoid collision and move the satellite to a
lower or higher orbit in which collision is avoided (miss distance between satellite and debris
has been increased to an acceptable level). Performing such a guidance manoeuvre is costly
for the operating company; both in terms of fuel usage but also in operation resources, since
during such manoeuvre, the satellite operation is put to a halt. For these reasons, the ma-
noeuvre sequence needs to be as efficient as possible by moving the satellite to an optimum
state without making use of unnecessary resources. It has been decided to use thrust as an
indicator, leading to the following objective to be met by the guidance system: adjusting the
satellite’s trajectory with minimal energy expenditure, and optimising the use of available
propellant resources. Commanded actions to manoeuvre the satellite will thus solely be ob-
tained through thrusters available onboard Starlink. The guidance sequence will be divided
into two parts; a nominal guidance and a tracking guidance.

Nominal guidance: The primary objective of the nominal guidance is to plan and execute
CAMs solely based on predicted and pre-planned trajectories. This is achieved through con-
vex optimisation, which ensures finding globally optimal solutions (optimal trajectory for
CAM). This feature makes convex optimisation particularly advantageous for nominal guid-
ance applications. This guidance sequence provides the overall manoeuvre.

Tracking guidance: The tracking guidance follows the nominal guidance and facilitates the
continuous tracking of the satellite’s position at specific time intervals. The satellite’s state
is evaluated with respect to the nominal trajectory. The satellite’s actual state can deviate
from the intended trajectory due to numerous disturbances that cannot all be anticipated
in the nominal guidance (developed using simplified, linearised dynamics). Such guidance
sequence will be performed using an LQR controller. Sensor feedback is used to detect de-
viations from the planned trajectory, which may occur due to manoeuvre deviations or dis-
turbances. This sequential guidance process ensures the accurate execution of the nominal
guidance by the satellite.
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The concept behind using a combination of nominal and tracking guidance has been
illustrated in Figure 5.2. The nominal trajectory describes a desired path that would allow
the satellite to avoid debris by being moved into a new position outside the keep-out volume
while meeting the different constraints imposed on the sequence. However, as previously
explained and evident from the figure, the satellite’s actual path diverges from this intended
trajectory. Hence, continuous tracking guidance is indispensable to monitor such deviations
and guide the satellite back onto its desired course.

AX = Xactual - Xnominal

""""" @ Starlink Satellite (after guidance)

@ Starlink Satellite (no guidance)
@ Space debris

[] Keep-out volume

----- Satellite initial trajectory — no guidance

— Satellite nominal trajectory — nominal guidance
(desired path)

__ Satellite actual trajectory — tracking guidance
(corrected path)

Figure 5.2: Overview of the guidance sequence, including the initial satellite trajectory, the nominal trajectory (convex guid-
ance) and the corrected trajectory (tracking guidance).

Instead of relying on continuous tracking to monitor deviations in a satellite’s behavior,
an alternative approach involves executing multiple manoeuvres (AV) within the duration
of half an orbit. Although this alternative has not been explored in the current research, it
presents a promising area for future studies.

5.3 Convex Optimisation

Optimisation finds widespread application in the aerospace industry by enabling the discov-
ery of optimal solutions. In guidance systems, optimisation theorems facilitate real-time tra-
jectory optimisation. This is achievable through techniques such as convex optimisation. As
highlighted by Malyuta et al. (2021), convex guidance stands out as a highly regarded space-
craft guidance approach due to its advantageous attributes, including robustness, auton-
omy, and computational efficiency. Moreover, as noted by Virgili-Llop et al. (2018), convex
optimisation demonstrates notable convergence properties, particularly in scenarios involv-
ing complex path constraints. A significant advantage associated with convex optimisation
lies in its deterministic nature: if a feasible solution exists for the problem, the algorithm
will converge to the optimal solution within a fixed number of iterations. Notably, a convex
function possesses precisely one optimal solution, which coincides with the global solution
to the problem. Conversely, the absence of a global solution becomes apparent when no op-
timal solution other than the global one exists. For the problem at hand, convex optimisation
could be used by the guidance system to compute the reference trajectory of the mission ve-
hicle. In this section, the theory of convex optimisation will be elaborated upon. Initially, the
formulation of a standard optimisation problem will be introduced in Section 5.3.1. Follow-
ing this, Section 5.3.2 will provide an overview and general introduction to convex and non-
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convex sets and functions. Finally, the convex optimisation methods will be introduced in
Section 5.3.3 followed by a general convex optimisation road-map presented in Section 5.3.4.
The latter will include the theory behind the solvers and software used to solve for convex
guidance, along with an overview of the steps taken for the convex optimisation strategy.

5.3.1 General Optimisation Problem

A general optimisation problem is expressed in a standard format, which consists of an ob-
jective function to be minimised, subject to a set of constraints. The latter has been high-
lighted in Equation (5.1). This general problem definition will be tailored to the specific
problem under consideration and will be discussed further in Section 5.4.1.

Minimise: fy(x)
. . (5.1)
subjectto: f;(x)<b;, i=1,....m
in which fy is the objective function (to be minimised), f; the constraint functions subject to
constants b; and x as the optimisation variable. Convex optimisation problems are charac-
terised by the convexity of both their objective and constraint functions. This means that for
any x, ye R” and any a, € Rsuch thata + =1, @ = 0, and § = 0, the following holds:

filax+By)<afix)+Bfi(y) (5.2)

5.3.2 Convex and Non-Convex Functions

Every function involved in a convex optimisation problem should be convex. Therefore, it is
essential to comprehend the concepts of convex and non-convex functions and understand
the strategies used to determine their convexities. A function f : R" — R is convex if its
domain is a convex set, and for all x, y in its domain, and all A € [0, 1], this inequality holds:

FAx+1 -y <Af@)+A - fQy) (5.3)

This means that for any two points x and y, the value of f at any convex combination of
these points should be no greater than the same convex combination of f(x) and f(y). In
geometric terms, as observed in Figure 5.3, the line segment connecting (x, f(x)) to (y, f())
must lie above the graph of f. Additionally, if f is continuous, ensuring convexity is achieved
by checking the definition with A = % (or any other fixed A € (0, 1)). To finish with, a function
f is termed concave if its negative, — f, is convex.

f(x) Convex function f(x) Non-convex function

» X

Figure 5.3: Illustration of convex and non-convex functions.



5.3. CONVEX OPTIMISATION 55

5.3.3 Convex Optimisation Methods

Convex optimisation problems offer a range of solution methods, each presenting its own set
of strengths and weaknesses, with further elaboration on these methods addressed in Boyd
and Vandenberghe (2004). For the convex optimisation problem at hand, after research in
literature and analysis of different previously developed work, it has been decided to define
this optimisation problem as a second-order cone programming (SOCP) problem. This has
been performed following the work of Acikmese and Carson (2007), who has, and is currently
working intensively on similar matters. From previous applications, SOCP problems were
found to be efficiently used in space optimisation problems, they have low complexity, are
robust, efficient and can be solved in polynomial time. This demonstrates their capacity to
address real-world optimisation problems demanding swift convergence.

5.3.4 Convex Optimisation Strategy

As will be observed in Section 5.4, most times, real-life scenarios are not convex and a con-
vexification strategy should first be performed before the optimisation can start. Indeed, a
prerequisite to using convex optimisation is ensuring the problem is fully convex. The forth-
coming sections will elaborate on the steps involved in convexifying a non-convex problem,
an overview of these steps can be visualised in the flowchart presented in Figure 5.4.

Non-convex problem definition

[ i I | ]
. Dynamics
constraint . .
« Non-linear dynamics

--------------------------------- « Non-convex constraints
» Continuous time

Successive
convexification

Linearisation « Linear dynamics
................................. « Convex constraints

« Continuous time
Discretisation

« Linear dynamics
N e e - s s « Convex constraints
¢ Discrete time

Convex problem definition

v

Solve convex problem

Yalmip toolbox | Gurobi solver

\ J

Y

r 2!

Optimal trajectory
(nominal guidance)

\
>

Thrust profile I Mass usage

\ J

Figure 5.4: Flowchart showing an overview of the steps to be undertaken during the convex optimisation process.
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5.4 Nominal Guidance

As outlined in Section 5.2, nominal guidance is employed to plan and execute manoeuvres
using pre-determined trajectories and object states. Within this nominal convex guidance
procedure, the optimal trajectory is constructed using convex optimisation techniques. Un-
derstanding the details of convex optimisation can be challenging, this section will primar-
ily delve into the different steps to follow to create the convex problem. Subsequently, this
problem will then be tested to determine if global optimality can be achieved for the cur-
rent mission characteristics and evaluate whether convex optimisation is indeed a suitable
candidate for the nominal guidance process. To start with, the nominal guidance problem
definition will be outlined in Section 5.4.1, in which the objective function, satellite dynam-
ics, constraints and boundary conditions (BC) will be introduced. From this definition, the
need for convexification will be highlighted as several functions within the problem formu-
lation exhibit non-convex behaviour. For this reason, problem convexification principles
will be described in Section 5.4.2, yielding a convexified problem definition. Following this,
the problem being fully convex, can finally be solved using a convex solver. An overview of
the available solvers will be provided in Section 5.4.3.

5.4.1 Guidance Problem Definition

As discussed in Section 5.2, the primary aim of the guidance segment is to minimise thrust
throughout the duration of the flight. Consequently, the optimisation’s objective is to deter-
mine a trajectory that minimises thrust expenditure over the entire mission duration, while
still meeting mission objectives, to avoid collision with debris and move the satellite to meet
the miss distance threshold. It is crucial during the optimisation process to ensure adher-
ence to the equations of motion (orbital dynamics). These equations account for external
accelerations affecting the spacecraft, namely Earth’s gravity and the thrust applied as a con-
trol input, as well as the relationship governing mass flow. Aside from the dynamics, as can
be concluded from the mission objective, constraints are imposed on the thrust, and posi-
tion vectors. Initially, limits must be established on the thrust force. This involves setting an
upper and lower bound on the allowed nominal thrust, based on the thruster’s capabilities to
determine the maximum and minimum achievable thrust. Since the guidance sequence is
divided into two segments; nominal and tracking, so should be the available thrust for each
segment. A percentage of the nominal thrust will be dedicated to nominal guidance while
the rest will be available in case of tracking, this percentage is represented using the n sym-
bol. In this particular scenario, thrust is essential to execute responsive control commands,
counter external perturbations, and thereby ensuring stability. Additionally, to achieve the
CAM objective and adjust the satellite’s trajectory to a safe state, it is essential to establish a
keep-out sphere (KOS) constraint. This sphere, centered on the debris position, is designed
to prevent collisions and ensure that the satellite maintains a safe distance from the debris
throughout the simulation. A keep-in sphere has not been included in the problem defi-
nition because tests have shown it to be a redundant parameter that does not further con-
strain the problem. The current algorithm already ensures minimal fuel usage by keeping
the satellite just outside the keep-out sphere, making the keep-in sphere unnecessary in this
case. Furthermore, initial BC must be imposed on the satellite’s position, velocity, and mass
and a final BC on the satellite mass to account for the satellite’s available propellant mass.
This outlines the optimisation challenge to be tackled by the satellite’s guidance sequence.
An overview of this guidance problem is presented in Table 5.1.
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Table 5.1: Definition of the non-convex problem, including the objective function, the constraints and BC it is subjected to.

Non-convex — Continuous — Minimum fuel consumption problem

Minimise: j(;lf IFp(olldt Objective function
subject to: F(H)=V() Orbital dynamics
F(0)= —rg—ft)r(r) + IZ((:))
-
nFr ., < F(T;), F(T;)’ F(T;) <0 Thrust constraints

) pH) )
0 = B B By o< Fr,,

Ir(6) = rgep (D1l = pkoOS KOS constraint
m(0) =my, r(0)=rp, F(0)=rp Initial BC
m(tf) > I’)”Lf Final BC

Upon examining the above-highlighted problem, it becomes apparent that the only con-
vex functions are the objective function, due to its inclusion of the Euclidean norm of the
thrust vector, which is strictly convex, the BC (initial and final), as they are affine constraints
and finally the thrust constraints, since their limits include the zero value making them
convex constraints. Conversely, the remaining equations are all non-convex. These non-
convexities arise from the highly nonlinear dynamics of the satellite and of the concave for-
mulation of the keep-out sphere. To address this challenge and enable the use of convex
optimisation techniques, the problem must undergo a process known as convexification.
The upcoming Section 5.4.2 will elaborate on the various steps and techniques involved in
such a process.

5.4.2 Problem Convexification

The current challenge involves continuous-time nonlinear dynamics and non-convex con-
trol constraints. To address these complexities, two approaches are available to transform
the problem into a convex optimisation problem: lossless convexification and successive
convexification. Each method presents its own set of advantages and disadvantages and
may be better suited for certain types of functions. Lossless convexification offers the ben-
efit of introducing minimal or no approximation error, making it particularly advantageous.
However, it is not suitable for problems characterised by highly nonlinear dynamics and
path constraints. Consequently, successive approximation is employed in conjunction with
lossless convexification to efficiently solve optimal control problems featuring nonlinear dy-
namics and non-convex constraints, which cannot be effectively addressed through lossless
convexification alone. These methods will be elaborated upon next.
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Lossless Convexification

According to Blackmore et al. (2011), lossless convexification provides a convex relaxation
of the non-convex control constraints, along with guaranteeing that the optimal solution to
the problem with the convex control constraints is the optimal solution to the problem with
non-convex control constraints. This is performed by adding additional variables, known as
slack variables. The main disadvantage of this method is that it cannot be applied to highly
nonlinear dynamics and can thus not be applied to the satellite’s dynamics. For this rea-
son, lossless convexification will not be used for the convexification of this specific problem,
instead, another method known as successive convexification will be introduced.

Successive Convexification

Successive convexification is designed primarily to efficiently tackle optimal control prob-
lems, which are characterised by nonlinear dynamics and non-convex constraints. In such
scenarios, achieving complete convexification into a single convex problem without com-
promising accuracy is impractical (cannot be achieved through lossless convexification).
This approach, first introduced by Mao et al. (2016), operates on the principle of iteratively
solving the original problem to optimality by successively linearising non-convex dynamics
and constraints around the solution obtained in the previous iteration.

Linearisation: By employing successive convexification and applying principles oflinearisa-
tion, the nonlinear, non-convex dynamics and KOS constraints can be converted into affine
functions, thereby rendering the previously formulated problem entirely convex. It involves
iteratively linearising a nonlinear term around a known solution (reference trajectory) ob-
tained in the previous iteration. The dynamics can be linearised around an operating point
by approximating the non-linear functions with their first-order Taylor series expansions.
This involves computing the Jacobians (A, and B,) capturing the linearised dynamics and
input control effects, respectively. The linearisation principles necessary for this convexifi-
cation method are described in Appendix A.1.

The results will be highlighted in the linear time-invariant state-space form as defined in
Equation (5.4). The matrix A., known as the state or system matrix, depicts the dynamics of
the system, describing the linear connections among its state variables as observed in Equa-
tion (5.5). Ax is the vector describing the state deviation from the reference point. The B,
matrix, known as the input or control matrix, specifies the influence of control inputs Au on
the system’s dynamics. Additionally, the state and control vector is defined as follows:

A% = A.Ax+ B.Au (5.4)

[0 0% 9% 0% O0x 0% @ O]
0x oy 0z ovy v, adVv, om
0y 0y oy 0y 0y oy oy
0x oy 0z oV, G_Vy vV, om
0z 0z 0z 0z 0z 0z 0z
0x oy 0z ov, adv, adV, om
v, oV, aV, a4V, aV, a4V, aV,

Ac=|%x @9y @8z vV, av, v, om (5.5)
v, v, v, av, aV, aV, aV,
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Linearisation of the satellite dynamics leads to the following A, and B, matrices. In this
specific case, only Earth’s gravity field and the control thrust are taken into account. Addi-
tionally, it is assumed that between every time step for which the matrices are evaluated, the
central field gravity remains constant, so no gradient information is required.

0 0 0 1 0 0 0]
0 0 0 0100
0 0 0 0010
A= |15 O 0 0000 (5.12)
0 —”’% 0 0000
0 0 —”% 0 000
0 0 0 00 0 O
[ 0 0 0 0 0 0
0 0 0 0 0 0
0 0 0 0 0 0
Bo=|+ 0 0 1 0 0 (5.13)
0o 4+ 0 0 1 0
o o 4+ 0 0 1
1 1 1 1 1 1
8olsp  8olsp  8olsp 8olsp 8olsp 8olsp

Similarly, the KOS constraint should also be linearised about the reference trajectory
point, as follows, with rye¢ the reference trajectory position vector, rgep the debris position
vector and rop¢ the optimal trajectory position vector defined by the optimiser.

(rref - rdeb)T
I 7ref — Tdeb | + ——————— - (Fopt — T'ref) = PKOS (5.14)
Il Tref — I'deb Il
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Discretisation: Discretising the problem transforms the convex, continuous free-final-time
problem with linearised dynamics and convex constraints into a convex, discrete free-final-
time problem. This involves dividing the continuous time interval into discrete time steps,
during which the state is iteratively computed. Consequently, a simplified approximation of
the solution to the differential equations is obtained at these discrete time points. Various
discretisation methods can be used to approximate continuous-time problems into discrete-
time ones. Each method has its advantages and drawbacks in terms of computational effi-
ciency and accuracy. Among these methods, the zero-order hold (ZOH) method is com-
monly used in control theory to convert a continuous-time linear system into an equivalent
discrete-time system. This method has the advantage of providing precise and finite solu-
tions but some of the assumptions made to use this method can also introduce discrepancies
between the continuous-time solution and the discretised solution. This is because, during
ZOH, it is assumed that the input signal remains constant during each sampling interval
(Equation (A.3)). This is a good assumption to make, if careful attention is placed on having
a small discretisation time step for the problem at hand. The specifics behind the discretisa-
tion process have been described in Appendix A.2 with the outcome of such process being
the discretised state-space system definition as observed in Equation (A.5). The discretisa-
tion process will be carried out in MATLAB® using the continuous to discrete-time function
c2d'. The performance of ZOH has been analysed and compared to the continuous-time
system for different discretisation time steps, with output observed in Figure 5.5. It can in-
deed be observed that the discretisation error drastically reduces when smaller time steps
are being used, making it more accurate.

Xp+1 = Agxi + Bauy (5.15)
%102
10 - .
5 [ -
O | | | |
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x10%
%103
—~10 1 .
Z 5¢ ]
< —— At=1(s)
O | | | |
0 0.5 1 1.5 2 2.5 3
%103
x10%
10 .

—— At=10(s)

0 0.5 1 1.5 2 2.5 3
Time (s) %102

Figure 5.5: Overview of the error introduced by the ZOH discretisation using different discretisation time steps. Comparison
of the linearised and discretised satellite reference trajectory (central field only).

1Continuous to discrete-time conversion, MATLAB®, https://nl.mathworks.com/help/ident/ref/dynamicsystem.c2d.ht
ml [Last visited on 09/04/2024].
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Table 5.2: Definition of the convex discrete problem, including the objective function, the constraints and boundary conditions
it is subjected to.

Convex - Discrete — Minimum fuel consumption problem

t
Minimise: f ! I|Ex()llde Objective function
0
subject to: X1 = Agx + Bguy Orbital dynamics
n F < FO FO D) <o Thrust constraints
Tmin = 1 F'1y0 T, =

) g g
0 = Bl B Fp) < Pro,,

(reef— rdeb)T

” Tref ~ I'deb ” + ||r (T4 b” '(rOPt ~Tref) Z PKOS KOS constraint
rel e

m(0)=mgy, r)=rg, FO)=Fp Initial BC

m(tf) > mf Final BC

Following this entire convexification process, the problem is fully convex and can be
written as a proper SOCP problem and be solved. The definition of this SOCP problem is
described in Table 5.2.

5.4.3 Convex Optimisation Solvers

Now that the problem is fully convex, it can be tackled using a variety of optimiser algo-
rithms, often referred to as solvers, specifically designed for solving SOCP problems. The
selection of a generic solver is confined to those available in academic or open-source do-
mains, which already offer a wide array of options. Notable optimisers applicable in MATLAB
include SDPT3?, Gurobi®, MOSEK*, ECOS®, SCS®, SeDuM;i’, IPOPT® and fmincong.
Although conducting exhaustive testing to determine the optimal solver falls beyond the
scope of this thesis, three different solvers will be used and tested against each other for the
research work. These solvers are Gurobi, IPOPT, and fmincon. The specifics behind each of
these have been introduced in Appendix A.6. Furthermore, in addition to selecting an ap-
propriate solver, it has been decided to make use of a toolbox capable of interfacing with a
SOCP solver in MATLAB®. One such tool is YALMIP'’, renowned for its user-friendly inter-
face and extensive support for various solvers. This wrapper facilitates seamless integration
with a multitude of SOCP solvers and has been noted for its intuitiveness and ease of use.

2SDPT3 Solver, https://blog.nus.edu.sg/mattohkc/softwares/sdpt3/, [Last Visited on 15/03/2024].

3Gurobi Optimization, https://www.gurobi.com/, [Last Visited on 15/03/2024].

4Mosek ApS, https://www.mosek.com/, [Last Visited on 15/03/2024].

5ECOS, GitHub Library, https://github.com/embotech/ecos, [Last Visited on 15/03/2024].

6scs, https://www.cvxgrp.org/scs/, [Last Visited on 15/03/2024].

7SeDuMi, GitHub Library, https://github.com/SQLP/SeDuMi, [Last Visited on 15/03/2024].

8TPOPT Documentation, GitHub Library, https://coin-or.github.io/TPOPT/, [Last Visited on 15/03/2024].

9Fmincon Documentation, MathWorkshttps://www.mathworks.com/help/optim/ug/fmincon.html, [Last Visited on
15/03/2024].

10yALMIP MATLAB® toolbox, https://yalmip.github.io/, [Last Visited on 15/03/2024].
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5.5 Tracking Guidance

As mentioned in Section 5.2, the guidance sequence has been divided into two types of guid-
ance. The optimal trajectory to be followed for CAMs has been computed using convex opti-
misation, creating the nominal guidance sequence. This nominal guidance sequence is con-
structed using an approximation of the actual dynamics that affect the spacecraft (only the
central field). As has been highlighted in Section 3.4, other environmental events have great
impact on the trajectory. Ignoring these effects in simulations can lead to significant devi-
ations between the calculated ideal trajectory and the actual path of the satellite. Further-
more, discrepancies can also arise due to imperfections in the control mechanism and er-
rors in the navigation system. Consequently, implementing a trajectory-tracking controller
can be an option to counteract those. This controller would continuously recalculate the
optimised trajectory, ensuring the satellite maintains accurate adherence to the intended
course. The tracking guidance works on the principle of comparing the actual trajectory of
the satellite (using sensors onboard the satellite) with the nominal guidance computed by
the convex guidance algorithm. Any discrepancies between both trajectories exceeding the
set threshold should be corrected for, using control actions. This is typically performed us-
ing a closed-loop control system in which the satellite trajectory is monitored and adjusted
in real-time and at each time step. Trajectory tracking can be computed using several con-
trollers, two of which are LQR or Proportional-Integral-Derivative (PID) controllers. While
PID controllers might have a straightforward structure and require fewer computational re-
sources, the required tuning can be cumbersome and challenging when dealing with com-
plex systems. LQR controllers on the other hand show great performance when handling
complex system dynamics as is the case for the problem, and is a straightforward controller
to tune as will be demonstrated later. For these reasons, it has been decided to make use of
an LQR controller to allow the satellite to be maintained in its desired orbit and with this,
correct the error between the desired state and the estimated state. In the case of state feed-
back, for this tracking guidance, the LQR control law (optimal controller) can be defined as
Equation (5.16), in which K is the feedback gain matrix, Au the corrective control input and
Ax the state deviation vector.

Au=-KAx (5.16)

The LQR control technique takes as its objective to minimise the cost function (J) and
with this, penalises the deviation from both the desired object’s state and the control inputs
(thrust magnitude). This objective is defined through the cost function, which is represented
as follows, with xT Qx represents the state deviation and u” Ru the control effort.

]:f xTQx+uTRwdt (5.17)
0

Q and R can be given more or less weight depending on the desired performance. On
one hand, Q, the state cost matrix, will define how much importance is given to the system’s
specific state; some states should be controlled more tightly since more critical, this trans-
lates in a higher weight in the cost function. On the other hand, R, the control cost matrix
defines the control effort used by each control input. The closed-loop system response is
thus dependent on the selection of those parameters. Both Q and R are often defined in
an iterative approach but a great initial choice can be selected on the basis of 'Bryson Rule’
(Bryson and Ho, 1975). This rule adjusts the variables present in the LQR formulation to en-
sure that each term’s maximum acceptable value is one. Using this rule, both matrices can
be represented using Bryson’s rule, usually giving good results.
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- 0 0 2z 00
Q=| 0 H— 0 R=|0 5z 0 (5.18)
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Using the above-defined matrices, the gain matrix K can thus be defined as follows.

K=R'BTp (5.19)

with P being a positive definite matrix that can be computed by solving the matrix Riccati
equation as follows:
ATP+PA-PBR'B'P+Q=0 (5.20)

To solve these equations and get the optimal gains, available control tools in MATLAB®
will be used. In this specific example, the lgrm'' command script will be used for continuous-
time models and dlgr.m'? for discrete-time models. Using the continuous-time state-space
matrices A and B, this tool computes the optimal gain matrix K, and the solution of the as-
sociated Riccati equation. To properly apply LQR, several assumptions have to be satisfied.

* The matrix Q must be positive semi-definite (Q = 0),

e The matrix R must be positive definite (R > 0),

* The solution P to the algebraic Riccati equation is always symmetric (PT = P), and

* If Aand B are stabilisable and detectable, then the correct solution of the algebraic Riccati
equation is the unique solution P for which P = 0.

Using the current controller for the entire trajectory has proven inefficient, since tracking
is not constant. The necessity for tracking is highly dependent on the system’s dynamics,
which change throughout the trajectory, and specific problem characteristics, such as miss
distance or available thrust levels. Control systems, while effective, may lack the physical
insight into underlying system dynamics and may not always provide optimal control in ev-
ery situation. To ensure the satellite avoids the keep-out sphere, it must closely follow the
nominal trajectory with minimal deviation. However, maintaining such precision across the
entire trajectory requires continuous thruster operation, leading to significant mass con-
sumption. To address this issue, it has been proposed to partition the LQR controller into
multiple sequences, each tailored to specific segments of the trajectory to better adapt to
varying requirements. As shown in Figure 5.6, the satellite’s trajectory deviation from the
nominal path, when accounting for all perturbations, becomes increasingly significant. This
illustrates why stringent deviation constraints are unnecessary from the beginning. Conse-
quently, the tracking guidance will be divided into three segments, each with different maxi-
mum allowable position deviation amplitudes, as summarised in Table 5.3, while maintain-
ing the same maximum allowed thrust equal to the defined nominal thrust. This method
allows for more adaptable tracking guidance, taking into account the mission’s specifics.

11Linear-Quadlratic Regulator (LQR) design, MATLAB®, https://nl.mathworks.com/help/control/ref/Iti.Iqr.html [Last
visited on 31/03/2024].

121 inear-quadratic (LQ) state-feedback regulator for the discrete-time state-space system, MATLAB®, https://nl.mathwor
ks.com/help/control/ref/dlqr.html [Last visited on 31/03/2024].
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Figure 5.6: Difference in trajectory between an unperturbed nominal trajectory (10 km miss distance) and the actual trajectory
of the satellite when all perturbations are turned on and no tracking is performed. [Simulation parameters: RK4, dt = 0.1 s,
miss distance = 10 km].

Table 5.3: Minimisation parameters for tracking guidance.

Minimisation parameters per trajectory segment

Segments (s) AXmax, A¥max, AZmax (M)
t=0- 3T 10,000

t= %TIIZ - %Tl/g 5,000

t= %TUZ -T2 1,000

In this chapter, the complete guidance sequence has been thoroughly introduced, es-
tablishing the nominal trajectory for optimal collision avoidance. Alongside this, the prin-
ciples of convex optimisation and convexification techniques have been discussed, clearly
outlining the objectives of the entire guidance sequence. Additionally, the tracking guidance
sequence has been analysed and integrated, ensuring a comprehensive understanding of
the guidance approach. With the guidance sequence fully introduced and developed, the
focus now shifts to the next critical step: controlling the satellite to minimise the deviation
between its actual and desired attitude. This aspect of the study will be explored in greater
detail in the forthcoming chapter, Chapter 6, where strategies for maintaining accurate con-
trol will be discussed.



CHAPTER

Control

Asintroduced in Chapter 5, controlling the satellite’s state is essential to minimise the differ-
ence between the desired and actual attitude [S.CON-05]. This is achieved through a control
system that autonomously outputs commands to the actuators, which then respond accord-
ingly. To perform such control analysis, a control system must be selected. Although there
are many options available, since the control system is not the main focus of this thesis, a
simple yet efficient controller, LQR, has been chosen [S.CON-06]. The principle behind LQR,
previously introduced for orbit control in Section 5.5, will now be evaluated for attitude con-
trol. First, the control objectives will be presented in Section 6.1. Next, the actuators used
for both attitude and state control will be discussed in Section 6.2. Finally, the LQR control
algorithm that will manage the actuators will be introduced in Section 6.3. An overview of
the control sequence can be observed in Figure 6.1.

L Satellite actual LQR controller
Control objective Actuators .
state (measured) design

Figure 6.1: Overview of the different steps included in the attitude control sequence.

6.1 Attitude Control Sequence and Objectives

The attitude control sequence uses both the angular rate error and the attitude error as in-
puts. The attitude error is determined by the difference between the satellite’s measured
state and the commanded state derived from the guidance commands. Specifically, the guid-
ance sequence provides a thrust force in the P frame, which, using Equation (3.16), can be
converted into a thrust magnitude (guidance command) and two attitude angles (¢ and v)
in the B frame. These angles define the satellite’s attitude and are converted into either Euler
angles or quaternions for use as inputs to the attitude control sequence. The primary goal of
the control segment is to compute the commands necessary to ensure the satellite’s attitude
aligns with the desired reference attitude. Specifically, the control system aims at:

* Minimising the error between the reference (desired) and actual (measured) attitude.

To achieve this, a closed-loop control sequence is used, where the controller responds
to the reference attitude and incorporates feedback from the system, providing real-time in-
formation about the satellite’s current attitude. Attaining precise attitude control requires
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understanding the input needed to achieve the desired output. This can be accomplished
by modelling the system using the state-space representation, as detailed in Section 5.5. The
specifics of the control system’s state-space representation will be further discussed in Sec-
tion 6.3. Similar to the successful tracking guidance, the LQR controller will be used for
attitude control. This control system is straightforward, widely used, and well-documented,
making it an ideal choice for achieving optimal controllability.

6.2 Actuators

The full control system is divided into two types of commands: one for translational mo-
tion and the other for rotational motion. Translational motion, which involves executing the
guidance commands, is detailed in Section 5.5. Rotational motion, which involves executing
attitude control commands, will be discussed further in this chapter. Different actuators are
used for each control sequence. The main engine thruster is used for translational motion
control of the satellite [S.CON-01](Section 6.2.1), while other attitude actuators are available
and typically used for attitude control (Section 6.2.2).

6.2.1 Main Engine Thruster

The main engine thruster was developed optimally, using an ideal thruster model. This
model operates on the principle of delivering error-free thrust, which can be adjusted within
specified minimum and maximum levels. Upon receiving an on/off command, the gener-
ated thrust increases until it reaches saturation, depending on the set nominal thrust. The
thruster’s position and thrust direction are required for torque computation. Additionally,
the thruster’s location affects the torque moment, which can be calculated alongside mass
flow, as fuel consumption occurs during combustion. This main engine, used for transla-
tional manoeuvres, activates when the nominal guidance sequence, initiates the manoeu-
vre. More information on the thruster’s characteristics has been introduced in Section 3.4.5,
with the main equation governing such a thruster defined by:

(6.1)

Fr = Thom for IcAM, on = T < fcawm, off
T — .
0 otherwise

This relation indicates that the thruster’s engine operates in a non-throttled manner,
working in a binary mode, it provides either full or no thrust at all ("bang-bang’). As will be
shown later, this corresponds with the optimal thrust profile determined by the optimisation
algorithm and aligns with real-life scenarios. With the sole objective of controlling transla-
tional motion, the translational and rotational controls are decoupled. Consequently, this
ideal thruster can modify the satellite’s state independently of its current attitude.

6.2.2 Attitude Actuators

Attitude control, on the other hand, is typically performed by specific actuators whose main
objective is to control the satellite’s orientation to match the desired one. Various attitude
actuators exist for this purpose, including thrusters, reaction momentum wheels, gyros, and
magnetic torques. These actuators primarily take as input a commanded moment required
to counteract the desired satellite attitude. This moment is generated by the LQR system,
which will be described in Section 6.3. In this study, since the control sequence was not the
main focus, no specific attitude actuators have been developed; instead, an ideal actuator
has been assumed.
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6.3 LQR Controller

As introduced earlier, the need for a control system in such a mission is extremely important.
Since the focus of the thesis work is not to create or make use of the most robust controller,
it has been decided to make use, just like for the tracking guidance, of an LQR controller.
The LQR controller has the advantage of being computationally efficient, making it a great
algorithm when real-time response is required. This, however comes at the expense of being
slightly less accurate than other methods, such as NDI or INDI controllers. Indeed, since
LQR relies on linear approximations of the system dynamics, it may not handle nonlinear-
ities effectively. In contrast, NDI and INDI are designed to address nonlinearities directly,
resulting in more accurate and robust control performance for nonlinear systems.

Similarly as has been described in Section 5.5, the LQR controller works on the basis of
finding the optimal control gain to solve Equation (5.17) and with this, correct for the error
between the desired and actual attitude. To get such gain, several matrices should first be
defined, based on the attitude kinematics defined in Section 3.6. These equations are non-
linear and should therefore be linearised to be input in the model for the LQR controller. The
LQR controller can be constructed in terms of quaternions or Euler angles, since both ver-
sions will be used in a trade-off in the results analysis, their descriptions will be introduced
hereafter. The A and B matrices, and their respective state and control inputs, defined in
terms of quaternions, are presented from Equation (6.2) to Equation (6.4), and in terms of
Euler angles from Equation (6.5) to Equation (6.7), with ¢, s, t representing the cosine, sine,
and tangent functions, respectively.

Iy —Iz Iyy—1I.; ]
0 T w3, T w2, 0 0 0 0
Izz_lxx U)30 0 Izz_lxx wl() 0 0 0 0
yy yy
Lo lyy gy, Lol 0 0O 0 0 0
IZZ 0 IZZ 0
qa EN 42 w3, —wy, Wi,
Ag= 2 = =z o - = = (6.2)
s 1o "y 9% g Yo @
2 2 2 2 2 2
~ a2 Ly Gy W ZOy g @y
2 2 2 2 2 2
A — 2 —q3 Wy, Wy, W3, 0
2 2 2 2 2 2
r 1 1
. 90
0O — O
Iyy 1
0o 0 £~
Bs=10 0 0 (6.3)
0 0 0
0 0 0
(0 0 o)
r_ o7 r_ .3
Ax = (Aw Aq) €R Au= (AMC) €R 6.4)

Only three of the four quaternions can physically be controlled. For this reason, g, is
removed from the controller design, leading to a 6x6 A4 matrix and 6x3 B, matrix.
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0 ey, IrEo, 0 o 0
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Following this, both the Q and R matrices should be defined depending on the mission
specifics and the weights they should be given. As for the tracking guidance control, Bryson’s
rule will be used, giving a good first choice in defining both matrices. The Q matrix will differ
for the quaternion Equation (6.8) and for the Euler angles Equation (6.9) representations,
while the R is similar for both cases as observed in Equation (6.10).

Qq = diag( 2 ) 21 ) 21 ) 21 ) 21 ) 21 ) (6-8)
Awl,max Awz,max Awa,max Aql,max qu,max Aq?:,max
QEuler = dlag( 21 ’ 21 ’ 21 ) 12 ’ ]é ’ 12 ) (6-9)
Awl,ma.x sz,max AwS,ma.x A(ibmaX Aemax A'(»Umax
R:diag(%,%,%) 6.10
Auy Auy Aug

Having established the specifics of the control sequence and detailed the workings of
the LQR controller, the theoretical foundation of this research is now complete. The focus
will now shift to the practical implementation of these concepts, where the integration and
development of all previously discussed elements will be showcased. This transition marks
the move from theory to application, as the next chapter will delve into the design and de-
velopment of the simulation environment, where these guidance and control strategies are
brought to life. The comprehensive simulator design process will be explored in Chapter 7.
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7

Simulator Design

This chapter will consolidate all previously introduced elements, including the complete
simulator and its constituent parts, as well as the comprehensive verification process for
each component. The primary objective of the research is to design an on-board autonomous
software capable of executing CAMs. The simulator integrates the environment, mathemat-
ical models, and all components required for a complete and autonomous system. Detailed
descriptions of both the entire simulator and its individual components will be provided in
Section 7.1. Additionally, to ensure the reliability and functionality of all developed elements,
their verification will be discussed in Section 7.2, resulting in a fully verified CAM algorithm.

7.1 Simulator Architecture

This entire research work has been constructed using MATLAB/ Simulink®, with which the
entire simulation model has been developed. This programming environment encompasses
a large number of sub-libraries, which have been regrouped into a large simulator. To better
understand how the simulations work and how each part of the algorithm relates to each
other, a simulator architecture has been constructed and will be introduced in this section.
To start with, a visual overview of the architecture will be introduced in Section 7.1.1, en-
abling the reader to visualise the latter as well as the dependencies of each developed blocks.
This will be followed in Section 7.1.2, by an explanation of what the Generic Rendezvous and
Docking Simulator (GRADS) library is. This library has been an essential tool in the concep-
tion of the simulator. Following this, each part of the simulator will further be described,
giving more context and information to the reader. The specifics behind the input elements
will be introduced in Section 7.1.3, followed by the dynamics simulator characteristics in
Section 7.1.4, the guidance sequence in Section 7.1.5, the control sequence in Section 7.1.6,
the output elements’ specifics in Section 7.1.7 and to finish with an explanation of the sam-
pling time used for simulation in Section 7.1.8.

7.1.1 Architecture Overview

An overview of the entire simulator architecture that has been used for every simulation can
be visualised in Figure 7.1. The relation between each element can be noted from such a
graph, with more details on each element to come.
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7.1.2 GRADS Library

During the construction of the simulation environment, several pre-existing blocks from the
GRADS library (Mooij, 2021) were integrated. Specifically, these blocks originated from the
already established tool sets of ESA SpaceLLAB and GAST, which were then refined based on
their prior verification. It has been developed with the idea of creating a user-friendly in-
terface having the minimum dependencies on other libraries, making it unique and easy to
use. For the problem at hand, the GRADS library will be expanded to accommodate for the
creation or expansion of other toolboxes, necessary for the current simulation.

7.1.3 Input Elements

Several elements must be input into the simulation algorithm for it to function correctly.
These elements will be introduced in the following sections.

Objects characteristics: To properly define the initial value problem, the characteristics of
various objects (satellites and debris) must be defined [S.SIM-02]. These characteristics in-
clude the object’s initial mass, geometry, and state. From these entries, other elements such
as the objects’ inertial tensors can be derived. Additionally, the objects’ drag and illumina-
tion coefficients are also required as part of the input data.

Time: The entire simulation is time-based. Time (#) will dictate the simulation and will be
used throughout the study to evaluate changes in decision variables and Kepler elements,
both of which are linked to time. Additionally, time plays a pivotal role in determining the
positions of objects (extracted from their TLE, which is time-dependent) and influencing
environmental factors. Various atmospheric, radiation, and gravitational effects depend on
the time of day or the period during which the simulation occurs. Therefore, using time as a
reference is indispensable in the simulation.

Constants: Certain constants are necessary for initialising the various models used in the
simulation. These include the radii and masses of the Earth, Sun, and Moon, as well as the
Earth’s gravitational parameter and angular rate, among others.

7.1.4 Dynamics Simulator

The dynamics simulator includes both the environmental model and the on-board propa-
gator. The environmental model accounts for the critical forces and moments essential for
realistic propagation simulation. The detailed development of these models, which cover
radiation, gravity, and atmospheric conditions, is extensively explained in Section 2.1. The
on-board propagator, selected based on Cowell’s method, describes motion in an inertial
frame. This method handles the propagation of a variable-mass body in six DOE

7.1.5 Guidance Sequence

The main purpose of the guidance sequence is to guide the motion of the vehicle. In this
specific case, it does so through two different guidance sequences: nominal guidance and
tracking guidance. In the nominal guidance sequence, a nominal trajectory to be followed
is defined using mathematical tools known as convex optimisation. Through this optimisa-
tion sequence a nominal, ideal, path to be followed is created. On a second level, the tracking



72 CHAPTER 7. SIMULATOR DESIGN

guidance sequence is constantly tracking the vehicle making sure it follows the nominal tra-
jectory to an acceptable level. The output (control force) of this sequence serves as direct
input to the control sequence and actuators.

7.1.6 Control Sequence

The control sequence determines, in this case using an LQR controller, the control com-
mands necessary to control the vehicle’s attitude motion. The output of such control se-
quence is a control moment which is, together with the control force (the control com-
mands), inputted into the actuator block. The actuators, in turn, convert those commands
to actions (forces and moments), guiding the satellite to the required state and attitude.

7.1.7 Output Elements

From the simulation, a large number of elements can be output, many of which are used
in both the verification and results sequences. These output parameters include the states
of satellite and debris, mass and thrust profiles, nominal trajectories, commands for thrust
forces and moments, simulation performance metrics, and numerous others.

7.1.8 Sample Time

The simulation model comprises multiple systems with varying sampling rates, necessitat-
ing specific considerations for time steps within the simulator. These subsystems are known
as multi-rate models. In this scenario, the convex guidance optimisation requires a sam-
ple time step of 10 s, being excessively large for the control and tracking guidance sequence
propagations. Therefore, it has been determined necessary to employ the ZOH function’,
enabling the use of different sample times throughout the simulation.

7.2 Verification

Verifying any developed and integrated elements is a crucial step in the creation of any ro-
bust algorithm. This process determines whether any system meets its requirements and
all the pre-determined specifications. This is usually performed using several tests on the
systems. In this section, the verification of the entire algorithm will be presented solely for
the elements that have not yet been tested for. As has been introduced earlier, many blocks
have been taken from the GRADS library, and already verified. The remaining verification
process will be divided into different tests, for different parts of the system. To start with,
the developed Simulink® model will be verified in Section 7.2.1, then the complex devel-
oped and integrated environment will undergo verification in Section 7.2.2. Following this,
the testing of the guidance and control sequences will be introduced in Section 7.2.3 and
Section 7.2.4, respectively. It must be noted that for the verification part of this work, unless
stated otherwise, a circular and equatorial orbit has been used for every simulation and not
the actual Starlink propagated orbit, which will itself be used for all results and remaining
plots in this work. This choice has been made for the simplicity of this known orbit since it
provides stable and predictable results, which is ideal for the verification and understanding
of the system’s behaviour.

IMathWorks, Zero-Order Hold, https:/ /www.mathworks.com/help/simulink/slref/zeroorderhold.html, [Last visited on
17/05/2024].


https://www.mathworks.com/help/simulink/slref/zeroorderhold.html

7.2. VERIFICATION 73

7.2.1 Simulink® Model

Although the majority of models employed in building the Simulink® model are sourced
from the GRADS library and have undergone prior verification, it remains crucial to test the
integration of these blocks to confirm the model’s behaviour. Moreover, since several inputs
are taken from external sources, it is imperative to verify the integration of all these com-
ponents. One efficient and complete test on a circular behaviour will be executed to assess
the architecture and output behaviour of such a system. In scenarios where only the grav-
itational influence of the Earth’s central field is taken into consideration, objects in circular
orbits are anticipated to sustain their trajectories. To verify this prediction, it is customary
to analyse the variations in the object’s Kepler elements over time. Additionally, the velocity
modulus is expected to remain constant throughout the propagation process. A verification
test was executed for a satellite in LEO with initial orbital elements and velocity depicted
in Table 7.1, for a propagation time of 10,000 s. The results obtained confirm the expected
behaviour; the object exhibited the anticipated changes in its Kepler elements, and the ve-
locity modulus remained stable as predicted. However, it is worth noting that some minor
deviations were introduced; these are numerical errors.

Table 7.1: Overview of the satellite’s behaviour over a 10,000 s period (central field).

Circular orbit Kepler elements evolution

Kepler elements | Initial Final A
a (m) 6,917-10% | 6.917-10° 5.495.10711
e(-) 0 0 0
i (rad) 0.929 0.929 1.388.10~ 14
w (rad) 0 0 0
Q (rad) 0 -5.859-101° | -5.859.10°1°
vV (m/s) 7,590 7,590 1.091-10711

7.2.2 Complex Environment Verification

As has been observed in Section 2.1, the environment used throughout the simulations, is a
complex one, encompassing a large number of forces and moments deemed essential for a
comprehensive study. This approach ensures a close resemblance to the real environment,
enhancing the fidelity of the simulations. Because of its elaborateness, it is essential to verify
the model as a whole. While each individual model has already been tested for in previous
studies and been taken from the GRADS library, the whole integration should now be tested
and verified. The different tests performed for verification will be introduced hereafter.

TLE Propagation

One verification conducted to assess the accuracy of the Simulink® model and its environ-
ment involved examining the propagation of different satellites using their characteristics
and TLE sequences at two distinct time steps. The TLE sequences, obtained from Space-
track?, for two consecutive time steps were selected. The first TLE sequence served as in-
put data, with the propagation time determined from the epoch difference between the two
TLE sequences. The resulting satellite state from the propagation was then compared to the
second TLE sequence. Since the current Simulink® model includes an environment model
specifically developed for satellites in LEO with altitudes close to 550 km (Section 3.4), a

2Space-Track, ELSET Search tool, https:/ /www.space-track.org/#gp [Last visited on 15/04/2024].
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satellite within this altitude range was used for this analysis. The outcomes of the latter are
presented in Table 7.2. It is important to acknowledge that there may be slight discrepancies
in the results. These discrepancies were inevitable due to the numerous elements consid-
ered in this analysis, which could lead to variations. Firstly, it is assumed that the observa-
tions provided by Space-Track are precise. While this assumption holds for short-term pre-
dictions, it may have limitations for longer propagation times, where adjustments become
necessary. Furthermore, several conversions are employed (e.g., radians to degrees, TLE
epoch conversion to date-time, and conversion from Kepler to Cartesian elements), which
could introduce discrepancies in the model. Other sources of variation can be found in the
unprecise satellite characteristics. In the example of Starlink, as outlined in Section 2.6.2,
several input data had to be assumed for the simulation. Additionally, at the time of propa-
gation, it is unknown how much propellant has been expended, directly impacting the cur-
rent satellite mass and its overall behaviour. Another source of discrepancies being tested
through this verification process is the definition of the environmental model and the in-
clusion of forces in the model to strike a balance between realism and computational effi-
ciency. To finish with, it is assumed that the simulation models used are accurate (spherical
harmonics, central field, aerodynamic drag but also Modified Julian Date (MJD) settings,
conversions, constants used and more). Considering all these sources of discrepancies and
examining the results, it can be concluded that the environmental model employed is ac-
ceptable and produces similar results to those observed and documented in Space-Track.

Table 7.2: Discrepancies between simulated and tracked orbital elements in real life for Starlink-4039 satellite from 05/05/2024
14h 30min 46s to 05/05/2024 16h 06min 09s.

Discrepancies between simulated and tracked trajectories
for Starlink-4039
Aa(m) Ae(-) Ai(°) AQ(°) Aw(®) Atp(s)
38.02 3.62:107° | 7.72.107% | 0.51 5-1073 30.02

Perturbations

As described in Section 3.4, there exist multiple forces and moments relevant to include in
the model, making sure the simulated trajectory resembles the closest to real-life scenar-
ios. These have been thoroughly studied earlier. In order to verify the model used and their
integration into the simulation, it has been decided to verify their order of magnitude with
values that can be found in literature for the same orbital height. It has been decided to make
use of the distance from the centre of Earth to the acceleration perturbation table that can
be visualised in Montenbruck and Gill (2000) and compare these values with the ones from
the simulation. The outcome of this analysis, which can be seen in Table 7.3, shows that the
data from the simulation and the ones from literature are similar, verifying the developed
perturbations model.

Table 7.3: Comparison between the environment model developed in this work and values found in literature.

Acceleration perturbations effects comparison

Perturbations (m/s?) | Montenbruck and Gill | Simulation
Aerodynamic drag ~107° ~107°
Moon PM ~ 107° ~ 1070
Sun PM ~ 1076 ~ 1076
SRP ~ 1077 ~ 1076
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7.2.3 Guidance Verification

The guidance sequence constitutes a complex segment of the algorithm, incorporating mul-
tiple elements. Therefore, it is crucial to test each of these elements individually, as well
as their integration within the guidance sequence. This section will introduce various tests
aimed at ultimately verifying the entire guidance sequence.

Convex Optimisation Model Verification

The dynamics used for the convex optimisation, which have been linearised and discretised
will be verified to make sure no mistakes have been made in the process. To do so, the open
loop dynamics (no optimisation) for an equatorial orbit will be analysed against the refer-
ence trajectory (central field only), which serves as an initial value problem for the propaga-
tion of the dynamics. The result of such analysis is displayed in Figure 7.2. From this figure
it can be observed that almost no discrepancies between both trajectories can be observed,
verifying the model.

0.8 o P .
£06 | —-—-ay e 1
=04 |
Do .

0 ‘ | | | | |
0 500 1000 1500 2000 2500 3000

Time (s)

Figure 7.2: Difference between open-loop linearised and discretised dynamics and the simulated reference trajectory, in the
case of an equatorial orbit.

Convex Guidance Verification

The entire developed guidance sequence will also undergo verification. The different tested
elements and performed verification tests on the sequence will be introduced in this section.

Hohmann transfer comparison: A well-known trajectory transfer, due to its efficiency and
overall global optimality, is the Hohmann transfer. This impulsive orbital manoeuvre con-
sists of transferring a satellite from one circular orbit to another. This is the exact manoeuvre
that is currently being investigated to move the satellite at a safe distance away from the de-
bris, and thus on a new, higher, orbit. Due to the similarity between the optimised trajectory
(convex) and the Hohmann transfer, but also because the Hohmann orbital manoeuvre is
known for its global optimality (Prussing, 1992), it has been decided to compare both ma-
noeuvres to verify the found convex guidance sequence. To make such verification, for sim-
plification of the verification test, the convex optimisation has been performed on circular,
equatorial and co-planar orbits. To start with, the theory behind a Hohmann transfer should
be laid out. The AV required to perform a Hohmann transfer between two orbits around
Earth can be described using the following sets of equations.

+
ar = % (7.1)
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With r; = Rg + 550 km and r» = r; + 10 km, the Hohmann transfer leads to a required AV
consumption of 2.73 m/s. Using Tsiolkovsky equation (Equation (7.3)) the mass consump-
tion can be computed using an I5, of 292 s and a manoeuvre efficiency (1) assumed to be 1,
leading to a Am of 0.2476 kg for the first impulse.

Am:mo(l—e"sr%) (7.3)

Though highly efficient in optimal terms, a Hohmann transfer is a specific manoeuvre
applicable to only a few scenarios. It is not a versatile method, as it necessitates execution at
least half an orbit before conjunction, rendering it a slow process. Furthermore, Hohmann
transfers lack flexibility in trajectory design, unlike convex optimisation, which tailors trajec-
tories based on varied mission criteria. While it might not offer the utmost robustness and
adaptability for the current mission’s needs, the Hohmann transfer could serve for verifica-
tion purposes. This is because the goal of achieving fuel optimisation for CAM aligns with
the primary objective of Hohmann transfers. In terms of optimality, the Hohmann transfer is
renowned for being the most efficient, making direct comparisons on this front impossible.
However, by using data from Hohmann transfers, the current convex optimisation approach
can be assessed in terms of performance, using the Hohmann transfer as a benchmark.

Both the thrust and mass profile of a non-impulsive Hohmann and of convex optimisa-
tion transfer will be compared. It has been chosen to simulate a non-impulsive Hohmann
transfer, since in real life impulsive manoeuvres are not possible. This allows both mass and
thrust profiles, using the same satellite characteristics to be compared with the nominal con-
vex ones. The manoeuvre will be performed for both cases with a nominal available thrust
of 10 N in all directions, an I, of 292 s for a central field circular orbit and a manoeuvre of
10 km at perigee. The results of such analysis can be observed in Figure 7.3 and Figure 7.4.
Upon analysis, it becomes evident that the thrusting period does not coincide, though fur-
ther details on this will be provided later. Examination of the mass and thrust profiles re-
veals that the Hohmann transfer indeed results in a more optimal profile, characterised by a
shorter thrust period and reduced propellant mass consumption. Despite being larger and
occurring at a different time, both the thrust and mass profiles exhibit behaviour akin to the
Hohmann profile, displaying a 'bang-bang’ control pattern. The required mass for convex
guidance amounts to 1.73 kg, surpassing that of Hohmann, yet deemed satisfactory, given
the nature of the Hohmann transfer.

Solver comparison: A final verification test will be performed on the use of different solvers.
This will guarantee that the optimum solution found through convex optimisation is not de-
pendent on the chosen solver and that any solver would output similar results. In order to
perform such a verification step, it has been decided to compare the behaviour of Gurobi,
fmincon and IPOPT solvers in the YALMIP environment. Based on this analysis, it can be in-
ferred that all three simulations suggest that the most effective approach for executing such
a manoeuvre involves initiating thrust at approximately the halfway point, exhibiting similar
duration of maximum thrust behaviour. This observation ensures that trajectory is indeed
optimised, with a thrust boost occurring around 1,400 s into the simulation. However, from
the analysis, some discrepancies are worth noting. To start with, the simulation time is not
comparable, while the Gurobi solver finds a solution to the problem in a few seconds, a few
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Figure 7.4: Propellant mass profile nominal (convex) vs. Hohmann manoeuvre.

minutes (= 10 min) is necessary to get an output from IPOPT, with a fixed tolerance put to
107° to allow for faster solving. For fimincon the CPU is approximately 6 hours (tolerance
put to 1073), making it a very slow solver that cannot be used on-board the satellite. In ad-
dition to this, by looking at Figure 7.5, it can be observed that the thrust profile from the
IPOPT solver does not exhibit 'bang-bang’ profiles, but as a result leads to a larger fuel con-
sumption as observed in Figure 7.6. This smoother behaviour could be positive as input
to the control system since it will avoid overshoots, but does not meet the main objective
of the CAM sequence; to be fuel efficient. More analysis on the latter will be performed in
Chapter 8. Overall, the mass profiles of the fmincon and Gurobi solvers are similar, with a
difference in thrust usage of 8.2 g. The IPOPT solver mass consumption exceeds the other
two solvers by approximately 0.99 kg.
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Figure 7.6: Variation in propellant usage between different solvers for an equatorial orbit.

In addition to verifying and testing the behaviour of different solvers, the tolerance dif-
ference using the IPOPT solver has also been analysed. Three different tolerances have been
applied for the solver, 1073, 1076 and 107°. The outcome of each of them has been displayed
in Figure 7.7. From this analysis, it can be observed that no significant differences can be
observed from changing the tolerances, and the effect on the mass consumption was also
found to be small, in the order of a few grams. The only significant difference was in terms
of computational time in which a smaller tolerance led to a larger CPU time, as expected.
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Figure 7.7: Overview of the thrust profiles for different tolerances set in the JPOPT solver settings for an equatorial orbit.

Tracking Guidance Verification

The tracking guidance system is mainly based on the LQR controller used for each guidance
segment, to make sure the satellite follows the nominal trajectory adequately. The verifica-
tion step to verify this system will thus be performed on the controller. The performance
of the LQR control system will be verified by observing the transient response of the system
to a step function on the state error. Since this step function is a known input, it can easily
be tested for. This verification test is thus performed on a linear system, with the A, B, C,
D, Q and R matrices needed to get the gain, constructed as described in Section 5.5. The
gains should be defined such that the response to the control is damped before reaching
the control steady state in the shortest amount of time possible while still meeting the sys-
tem’s characteristics. As suggested by Mooij (2020), when the response to any input can be
analysed and understood, the reaction to any input can, in theory, be computed. To verify
the performance of the presently developed LQR system, diverse inputs will be administered
to the controller, and its efficacy will be assessed based on settling time, overshoot, steady-
state error, and control effort. Subsequently, fine-tuning of the gains will be undertaken until
the controller’s input demonstrates satisfactory performance. The results of this analysis are
depicted in Figure 7.8, where a step function representing the state and saturation on the
commanded torque are used to produce a smoother and more realistic signal. Figure 7.8
illustrates that the isolated LQR controller’s time response to a step function in state error is
characterised by a smooth signal with no overshoot. The system’s response is both smooth
and prompt, which is advantageous for the control actuators. Thus, based on this behaviour,
it can be inferred that the controller effectively alters the satellite’s state while fulfilling the
accuracy requirements.
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Figure 7.8: Time response of the LQR controller for tracking guidance of a state error step function.

7.2.4 Control Verification

Within the control system, several transformation matrices facilitate the translation of con-
trol elements into the appropriate reference frame. The rotation matrices introduced in Sec-
tion 3.1 are considered already verified, since they have been sourced from the GRADS li-
brary. However, the integration of these matrices into the simulator underwent verification
to ensure their functionality aligned with their intended purpose. This verification process
involved using known analytical data and comparing the transformation output against the
expected result. This verification process ensured the rotation matrices had been used and
implemented properly in the simulator.

Another integral component of the control system involves the LQR controller used for
attitude control. The effectiveness of this controller relies significantly on several input pa-
rameters as well as the meticulous tuning of its gains. Consequently, it is imperative for the
controller to undergo fine-tuning to minimise quaternion control error in an efficient man-
ner. This optimisation results in a highly responsive controller, facilitating the alignment
of attitude control with the desired parameters within a brief duration. To verify such be-
haviour, the LQR control algorithm was implemented in an isolated system and executed
using the tuning parameters highlighted in Table 7.4, to correct for a commanded attitude
change of 4° for all three Euler angles (converted to quaternions). This verification process
ensures that the controller performs optimally, as can be seen in the verification test output
displayed in Figure 7.9. The figure reveals a rapid convergence of quaternion error to zero,
indicative of the system’s stability and efficiency. This observation underscores the robust-
ness and proficiency of the implemented control system to meet the desired attitude with
great accuracy and reliability. This control system will be used in the simulation to perform
attitude control.

Table 7.4: Tuning parameters for the verification of the LQR system, for a commanded attitude change of 4° for all three Euler

angles.
LQR tuning parameters

Aw1C1s) | AwyCls) | Aw3Cls) | Aqq Ago Aq3 Mpmin /max (V)
15 15 15 0.005 0.005 0.005 + 10
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Figure 7.9: LQR controller response to an attitude error of the satellite for a commanded attitude change of 4° for all three Euler
angles.

With the simulator’s design fully detailed, along with a comprehensive review of the ver-
ification processes that ensure all requirements and pre-determined specifications are met
across each developed system, the foundation is now set to present the simulation results.
These will offer valuable insights into the effectiveness and accuracy of the implemented
strategies, will be thoroughly examined in the forthcoming chapter.






CHAPTER

Results

The results of the various simulations and test runs have provided insights into the perfor-
mance of the developed systems. Some of these results are presented in this chapter. In
Section 8.1, the analysis of both nominal and tracking guidance will be highlighted. This will
be followed by Section 8.2, in which the attitude control performance will be discussed. This
chapter focuses on the results for the actual inclined Starlink trajectory, using the following
standard settings, unless stated otherwise: Fr,, =10 N, I5, =292 s, and the Gurobi solver.

nom

8.1 Guidance System Results

All results related to the guidance system will be presented in this chapter. First, the results
related to the nominal guidance will be discussed in Section 8.1.1. Then, the results of the
tracking guidance will be introduced in Section 8.1.2.

8.1.1 Nominal Guidance Results

The nominal guidance results will include an analysis of the optimised thrust, mass, and
trajectory profile to meet the miss distance requirement. Additionally, it will highlight the
various trade-off analyses conducted on different solvers, thrusting capabilities, the effects
of perturbations, and changes in the reference orbit scenario. The fmincon solver has been
excluded from this analysis, as observed in Section 7.2.3, due to its slow computational time,
making it unsuitable for this fast-speed CAM. Thus, its analysis will be omitted.

Optimised 3D Trajectory

The complete optimised trajectory of the Starlink satellite is depicted in the 3D plot avail-
able in Figure 8.1. Within this visualisation, one can observe the nominal, optimal trajectory
determined by the convex guidance sequence, alongside the reference trajectory (restricted
to the central field) used for reference during the convex optimisation process (as elaborated
in Section 5.4). Due to the current scale of the trajectory, any distinctions between different
solvers are indiscernible. Similarly, the difference between the reference and optimal tra-
jectories appears negligible due to the plotting scale. A more detailed 2D analysis will be
incorporated later to provide deeper insights into the trajectory’s specifics.

Optimised Thrust Profile

In Section 7.2.3, it was evident that significant differences in CPU time were observed when
comparing the performance of fimincon, Gurobi, and IPOPT solvers. Specifically, optimisa-

83
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Figure 8.1: 3D trajectory overview of the reference and nominal (optimal) trajectory, with the KOS (size not to scale) position.

tion using fmincon took approximately 6 hours, rendering it impractical for on-board im-
plementation. Consequently, the decision was made to discontinue the analysis of fmincon
and focus on comparing the effects of IPOPT and Gurobi solvers on the control sequence. As
illustrated in Figure 8.2, both solvers yield consistent thrust profiles but exhibit distinct be-
haviours. Notably, the Gurobi solver produces a 'bang-bang’ profile characterised by rapid
switching between two extreme control values, while the IPOPT solver generates a smoother
trajectory. The 'bang-bang’ control sequence is favoured for its optimality, as it minimises
fuel consumption. However, this profile may introduce drawbacks, such as discontinuities
in the control signal, potentially leading to over or undershoots in control behaviour. The
smoother yet more energy-intensive profile produced by the IPOPT solver could mitigate
these issues. These aspects will be further explored in Section 8.2.

Optimised Mass Profile

As previously discussed, and as evident from Figure 8.3, the 'bang-bang’ profile demon-
strates superior optimality in terms of energy usage. Examining the mass profiles for the
trajectory of the Starlink satellite with thrusting capabilities set using the standard settings,
it becomes apparent that the nominal convex guidance sequence necessitates a propellant
consumption of 1.73 kg when using the Gurobi solver and 3.04 kg when employing IPOPT.
This results in a discrepancy of 1.3 kg in fuel consumption between the two profiles, given
these used parameters. The variance between solvers is notably significant.

Optimised 2D Trajectory and Constraints

The difference between the linearised reference and optimised trajectory has been analysed
to observe how the satellite deviates from its initial trajectory to perform manoeuvre and
stay outside the keep-out sphere at the end of the trajectory and by this, avoids the debris.
In Figure 8.4, the deviation in trajectory in X, Y and Z direction can be observed, while in
Figure 8.5, the difference in norm position for both IPOPT and Gurobi solver is shown. These
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Figure 8.2: Thrust profile in all three directions for the following thruster’s characteristics: Fr,,,,, =10 N, Isp =292s.
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Figure 8.3: Satellite mass variation due to propellant usage necessary for nominal guidance, for the following thruster’s char-
acteristics: FTnom =10N, Isp =292s.

observations collectively affirm that the KOS constraint is adhered to and that the satellite
successively avoids the debris. When simulating for the optimised thrust profiles introduced
in Figure 8.2, it was observed that indeed a miss distance of 10.12 km was met at 2,867 s
throughout the trajectory, as expected. From the simulation, the different Kepler elements
can be plotted to better understand how the manoeuvre is performed. These are displayed
in Figure 8.6. From this plot, it is evident that the manoeuvre has a direct impact on the
Kepler elements of the satellite. Initially, a slight deviation in eccentricity can be observed,
indicating a minor modification in the orbit’s shape. The semi-major axis exhibits slight fluc-
tuations, which implies that it remains relatively stable, preserving the orbital period. The
inclination shows minimal change, suggesting that the satellite continues to follow a con-
sistent orbital plane. Similarly, the variation in the RAAN is negligible, further confirming
the stability of the orbital plane. However, the manoeuvre notably influences the satellite’s
true anomaly and argument of perigee, indicating a repositioning within the orbit and a re-
orientation of the elliptical orbit within its plane. This suggests that while the manoeuvre
maintains the general characteristics of the orbit, it significantly adjusts the satellite’s posi-
tion and orientation within that orbit.
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Figure 8.4: Difference in trajectory between the reference and nominal trajectory to avoid the debris and stay outside the KOS,
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Figure 8.6: Relevant Kepler elements from the satellite trajectory during manoeuvre.
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Manoeuvre Period Analysis

The analysis conducted examined the impact of reducing the warning time prior to manoeu-
vring and its effect on the optimised trajectory. The approach involved shortening the tra-
jectory based on its initial true anomaly (8y). In the case of the initial half-orbit scenario, the
initial true anomaly was 0°. The analysis explored various 8, within the ranges of [0°, 45°,
90°, 135°, 145°], resulting in each trajectory starting with a different true anomaly and having
less time to manoeuvre before encountering debris (located at 6 = 180°).

The findings of this analysis are presented in this section and will be examined sequen-
tially. It is important to note key aspects of this analysis. The study used Gurobi as a solver,
with a nominal thrust of 10 N available in all directions and I, of 292. It is worth emphasis-
ing that outcomes may vary with different profile characteristics, this factor will be analysed
and included in subsequent stages of this chapter. Additionally, for visualisation purposes,
a uniform time frame was maintained for all trajectories. Although each trajectory theoret-
ically starts at t = 0 with varying trajectory times, the decision was made to align everything
with the longest trajectory (beginning at 6 = 0°) to aid visualisation and comprehension.
However, it is essential to recognise that each simulation starts at a distinct time, as pointed
out throughout the analysis. All five case characteristics that have been analysed for this
study have been gathered in Table 8.1. Optimisation for a warning time smaller than that of
case 5 results in failure under the specific constraints and objectives employed in this sim-
ulation (10 km miss distance, Fr = 10 N, I, = 292, and Gurobi solver - standard settings).
This failure stems from the need for either greater thrust capabilities or tighter miss distance
requirements to fulfil the criteria within such abbreviated time frames. This study thus ex-
hibits the limitations linked with the problem’s parameters. Further analysis of the matter
will be introduced later in this chapter. For now, the results of all five cases will be high-
lighted hereafter.

The convex guidance sequence has been simulated for all five cases. To start with, the
thrust profiles for each case have been analysed. It must be noted that only the thrust be-
haviour in the X direction has been displayed for conciseness, since, as has been observed
earlier, the thrust profile is similar in all three directions. As shown in Figure 8.7, all thrust
profiles demonstrate a consistent pattern. On one hand, when the manoeuvre begins earlier
than the nominal starting time previously analysed (around 1400 seconds), the manoeuvring
duration remains constant at approximately 200 seconds for the first three cases (8y = 0°,
6o = 45°, and Oy = 90°). This consistency also leads to a similar mass consumption, as
will be discussed later. On the other hand, as the warning time before the manoeuvre de-
creases, the duration of the manoeuvre tends to increase. This trend is observed in the case
of 6p = 135°, where the manoeuvring time extends to approximately 250 seconds, and for
6o = 145°, where it reaches around 500 seconds. Consequently, this results in higher mass
consumption. These trends can be explained by the increased necessity for a larger AV to

Table 8.1: Different characteristics for different manoeuvring periods.

Manoeuvring period cases characteristics

Cases 0o Simulation period (s) Simulation time (s)
Case 1 0° 0 — 2880 2880

Case 2 45° 720 — 2880 2160

Case 3 90° 1440 - 2880 1440

Case 4 135° 2160 — 2880 720

Case 5 145° 2310 - 2880 470
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achieve the desired miss distance sequence when the satellite is in closer proximity to the
target. This characteristic is further reflected in the corresponding mass consumption pro-
files (Figure 8.8), where it is observable that propellant consumption rises as the warning
time decreases, mirroring the thrust profile trend. Notably, the disparity between the two
extreme cases, starting with a 8y = 0° and 6y = 145°, results in a substantial difference in
propellant mass usage of approximately 3.50 kg. This discrepancy is significant and cannot
be neglected when searching for the optimum CAM strategy. Directly correlated with both
the mass and thrust profiles, it becomes apparent that across all five cases, the 10 km miss
distance requirement is achieved (Figure 8.9). Each trajectory profile is optimised according
to the constraints specific to each case. Notably, for shorter warning times, the manoeuvres
appear more abrupt and direct, requiring larger resources within a constrained time frame.
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Figure 8.7: Thrust profile in the X direction for different manoeuvring starting periods.
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Figure 8.9: Position norm between the nominal and reference trajectory for different manoeuvring starting periods — Profile
from the linearised and discretised model.

Thrusting Capabilities Limitations

To ensure the robustness of the current CAM algorithm, it must demonstrate effectiveness
not only within the specific system it was initially designed for (described by the predeter-
mined parameters) but across a spectrum of systems. This necessitates testing the algo-
rithm’s convex guidance capabilities across various propulsion types, including both high/
medium-thrust (chemical propulsion) and low-thrust (electric propulsion) systems. Each
propulsion system has its specifics and is often tailored for distinct mission sequences. To
comprehensively assess the CAM algorithm’s performance, testing will encompass high/
medium-thrust propulsion systems, like cold gas, solid motor, mono-propellant, and bi-
propellant. Additionally, evaluations will include low-thrust options like hall-thrusters. Fur-
thermore, each system will undergo testing across various thrusting capabilities, ensuring
a thorough examination of the algorithm’s versatility. The different propulsion systems that
will be tested, together with their characteristics have been highlighted in Table 8.2.

Table 8.2: Different propulsion systems and their characteristics

Propulsion System Characteristics

Propulsion Vacuum Isp(s) Thrust range (N) Propulsion type
Cold gas 50 - 75 0.05 — 200 Medium-thrust

— 50 — [1, 200] (high pressure)
Solid motor 280 — 300 50 — 5x10° High-thrust

— 300 — [100, 10] (chemical)
Mono-propellant 150 — 225 0.05-5 Medium-thrust

— 200 — [0.1, 5] (exothermic)
Bi-propellant 300 — 450 5 — 5x106 High-thrust

— 400 — [10, 109] (chemical)
Hall thruster 1000 — 3000 0.005 - 0.4 Low-thrust

— 2000 — [0.01, 0.1] (electric)

For this analysis, due to its low CPU time, the Gurobi solver has been used. For each com-

bination of thrust and specific impulse highlighted in Table 8.3, the miss distance is met and
the optimisation is successful. From the plots displayed after, it can be observed that the ex-
hibited profiles are very different from one propulsion type to the other. For conciseness, it
has been decided not to include all thrust profiles since they can be deducted from the mass
profile as they exhibit a 'bang-bang’ scenario every time (Gurobi solver). For this reason, it
has solely been decided to look at the mass consumption profile and from this, a number of
conclusions can be reached. From Table 8.3 and Figure 8.10, it can be observed that cold gas
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exhibits larger mass consumption, at least for the parameters tested for and for a 260 kg satel-
lite and this specific type of manoeuvre with a warning time of half an orbit. In contrast, it
can be observed from Figure 8.11 and Figure 8.12, that the low-thrust propulsion exhibits the
smaller mass consumption of all, still meeting the miss distance and has a constant thrust for
the entire trajectory. With these results, this profile makes it the most optimum, leading to
the conclusion that low-thrust propulsion would be the future of low-Earth orbit manoeu-
vring propulsion. This analysis suggests that, despite the widespread use of chemical en-
gines for their ability to rapidly alter a spacecraft’s motion, they may not be the most optimal
choice for the specific CAM under investigation. Although well-established and reliable, they
necessitate significant propellant quantities and emit substantial fuel during bursts, con-
tradicting current technological trends towards greener, more eco-friendly space systems.
An alternative propulsion method involves continuous thrusting, using more mass-efficient
low-thrust systems. These systems, characterised by lower thrust outputs compared to im-
pulsive systems, offer higher exhaust velocities while minimising propellant consumption
(Wakker, 2015). As was highlighted in Section 2.6, the Starlink constellation, which is the one
used as a reference vehicle for this study, is actually making use of low-thrust propulsion,
through its ion thrusters (Krypton-propelled, hall-effected thrusters). Electric propulsion is
a current growing technology in the space market, making it a key revolutionary technology
for the new generation of satellite!, such as Starlink.

Table 8.3: Mass consumption for each propulsion type and studied characteristics.

Propulsion System CAM Mass Consumption

Propulsion type Vacuum Isp(s) Thrust (N) Am(kg)
Cold gas 50 1 12.6
Cold gas 50 200 10.08
Solid motor 300 50 1.68
Solid motor 300 10° 1.68
Mono-propellant 200 0.1 0.4388
Mono-propellant 200 5 2.53
Bi-propellant 400 10 1.26
Bi-propellant 400 106 1.26
Hall-thruster 2000 0.01 0.0044
Hall-thruster 2000 0.1 0.042

Perturbations Effects

The impact of environmental perturbations should be analysed next, since their influence
on a LEO satellite cannot be ignored, as has been highlighted in Section 3.4. As outlined
in Chapter 5, the convex guidance, which issues commands to follow a nominal trajectory,
has been developed solely using the central field model. Consequently, the effects of other
perturbations have not been considered. An analysis has been performed by switching the
relevant perturbations included in this research work one by one and looking at the effects
each one had on the final miss distance. Looking at Table 8.4, it is evident that the impact of
external perturbations is substantial, leading to a miss distance of 23.45 km. The necessity
of tracking guidance to ensure the perturbed trajectory closely follows the nominal path, is
indeed underscored. The tracking guidance specifics have been highlighted in Section 5.5
with the results of such analysis discussed later.

LESA Electric Propulsion, What is Electric propulsion?, https://shorturl.at/mnoHQ [Last visited on 09/05/2024].
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Figure 8.10: Mass consumption of both cold gas and solid motor propulsion systems for various available thrust and a specific
impulse of 50 s (top) and 300 s (bottom), respectively.
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Figure 8.11: Mass consumption of both mono and bi-propellant propulsion systems for various available thrust and a specific
impulse of 200 s (top) and 400 s (bottom), respectively.
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Figure 8.12: Mass consumption of hall-thruster (low-thrust) propulsion systems for various available thrust and Ip = 2,000 s.

Table 8.4: Effect of the environmental perturbations on the satellite trajectory by looking at its deviation from the debris, which
should be 10 km in the nominal case.

Perturbation effects on satellite — debris miss distance
Perturbations CF SH 32/32 | Aero. drag | SRP Moon PM | Sun PM | All
Miss distance (m) 10,129 23,447 10,134 10,129 10,131 10,130 23,455

8.1.2 Tracking Guidance Results

As detailed in Section 5.5, the tracking guidance sequence is used to ensure that the satellite
closely follows the nominal path defined by the convex guidance, taking all relevant pertur-
bations into account. This tracking guidance is based on controlling the satellite’s transla-
tional state using an adaptive LQR control, which aims at minimising mass consumption
along the trajectory. As illustrated in Table 8.4, perturbations cause significant deviations in
the satellite’s state. The primary goal of the tracking guidance is to minimise these devia-
tions as much as possible, according to the parameters set out in Table 5.3. Various thrusting
capabilities were analysed to evaluate their impact on both deviation mitigation and mass
consumption. Additionally, changes in LQR settings were also studied to understand their
effect on the system. Several cases were examined, as highlighted in Table 8.5. From this
analysis, only case 3 resulted in successful tracking, with a final state deviation of 275.5 m.
All other cases led to unsuccessful tracking due to insufficient nominal thrust and the used
settings, causing saturation in the LQR controller and an inability to redirect the satellite as
needed. This issue is especially pronounced with low-thrust propulsion, where tracking was
found to be unfeasible, as the satellite could barely counteract the deviations induced by
environmental perturbations.

Table 8.5: Overview of different thrust profiles and LQR parameters on the tracking guidance sequence behaviour.

Analysis of tracking guidance performance for different cases.

Cases Fr(N) Isp(s) 1/2Ty2 3/4T2 Ti2 Ars ll(m) Meonsumed (kg)
Case 1 10 292 5,000 2,500 1,000 3,539 8.3

Case 2 10 292 10,000 5,000 1,000 2,192 6.0

Case 3 100 300 10,000 5,000 1,000 275.5 10.1

Case 4 0.1 2,000 10,000 5,000 1,000 35,380 1.0
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The detailed behaviour of the successful tracking has been illustrated through several
plots to better understand the objectives and execution of the tracking guidance. Initially,
the difference in state between the nominal commanded trajectory and the actual satellite
trajectory, with constant tracking activated and all perturbations present, is shown in Fig-
ure 8.13. This demonstrates that the tracking successfully maintains the miss distance at
an acceptable level. Given the initial deviation depicted in Figure 5.6, the tracking guidance
proves effective in this specific case. The required thrust profile to achieve such attitude
control is shown in Figure 8.14, resulting in a significant mass consumption of 10.1 kg, as

highlighted in Figure 8.15.
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Figure 8.13: Difference in trajectory between the nominal commanded trajectory and the actual trajectory of the satellite with
constant tracking activated and all perturbations on. For the following thruster’s characteristics: Fr,,,,,, = 100N, Isp =300s.
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Figure 8.14: Thrust profile of the full guidance sequence (nominal + tracking). For the following thruster’s characteristics:

Flyom = 100N, Is, =300s.
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Figure 8.15: Mass consumption a the full guidance sequence (nominal + tracking). For the following thruster’s characteristics:
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From this analysis, it can be concluded that maintaining constant tracking guidance,
even with the developed adaptive system, is not viable due to excessive fuel mass consump-
tion. Using over 10 kg of fuel per manoeuvre to constantly account for disturbances is im-
practical. Additionally, this approach is incompatible with most studied thrusting capabili-
ties, as the deviation is too large to be effectively managed. Therefore, based on these find-
ings, it has been decided to rely solely on the nominal profile for guidance. Further recom-
mendations to improve the guidance system will be provided in Chapter 9.

8.2 Attitude Control System Results

The attitude of the satellite is controlled using an LQR controller, as described in details
in Chapter 6. As highlighted in this section, the LQR controller can be implemented us-
ing quaternions, which offer the advantage of being singularity-free. Alternatively, it can be
implemented using Euler angles, which, while potentially leading to singularities, provide a
more stable and straightforward approach, since they do not exhibit coupling between the
angles, unlike quaternions. This will be demonstrated in this section. The verification of
this controller was conducted in Section 7.2.4 for an attitude error of 4° in all directions. In
this real-case scenario, it was observed that during nominal thrusting, the larger observed
direction angles (y and €) could reach up to 90°, significantly exceeding the value for which
the LQR was verified. Therefore, further gain tuning of the LQR settings is necessary to effi-
ciently regulate the signal and ensure a stable and smooth control response. Four scenario
cases have been outlined for the results of this attitude control sequence: the response to a
commanded attitude of 45° for the Euler angles 6 and ¥ and the actual studied case scenario
where these angles are 90° and 9.7°, respectively, for both the Euler and quaternion-based
controllers. The results for the quaternion-based controller will be detailed in Section 8.2.1,
and those for the Euler-based controller in Section 8.2.2, followed by a discussion on attitude
control results and the potential integration of guidance and control in Section 8.2.3.

8.2.1 LQR Quaternion-Based

The quaternion-based LQR controller response to a commanded attitude of 45° for the Euler
angles 6 and v converted to quaternions can be observed in Figure 8.16, with the controller
parameters highlighted in Table 8.6. This figure demonstrates that the attitude error for all
three quaternion components decreases over time, eventually reaching a stable value of zero.
This indicates that the controller effectively guides the satellite to the desired state. The sta-
bility of the response further confirms that the satellite’s final orientation successfully aligns
with the commanded attitude, with a settling time of approximately 70 seconds.

60 80 100
Time (s)

Figure 8.16: LQR controller response, in terms of quaternions, for a commanded attitude change of ¢ = 0°, 6 = 45°, ¢ = 45°.
Settling time = 70 s.
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Table 8.6: Tuning parameters for the LQR system in terms of quaternions, for a commanded attitude change of ¢ = 0°, 0 = 45°,
W =45°.

LQR tuning parameters
Awq(°ls) | Awyp(°ls) | Aw3z(°/s) | Aqq Aqy Aq3 Mmin/max(N)
5 5 0.5 0.2 0.1 0.1 + 10

The response to a commanded attitude of 90° and 9.7° for 8 and ¥ converted to quater-
nions is highlighted in Figure 8.17, with the controller parameters displayed in Table 8.7.
In addition to the comments made for the previous figure, which also holds for this one,
additional observations can be highlighted. From this figure, a rapid convergence can be
observed, specifically, the majority of error reduction occurs within the first 20 to 30 seconds
of simulation. In addition to this, no overshoot is observed, suggesting the controller to be
well-tuned.
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Figure 8.17: LQR controller response, in terms of quaternions, for a commanded attitude change of ¢ = 0°, 6 = 9.7°, w = 90°.
Settling time = 60 s.

Table 8.7: Tuning parameters for the LQR system in terms of quaternions, for a commanded attitude change ¢ = 0°, 6 = 9.7°,

W =90°
LQR tuning parameters

Aw1Cls) | Awals) | Aw3Cls) | Aqq Aqo Aq3 Mpmin /max (V)
10 10 20 0.1 0.1 0.1 + 10

Overall, both profiles demonstrate the effectiveness of the quaternion-based LQR con-
troller in achieving precise and stable satellite attitude control. The consistency across dif-
ferent scenarios suggests that the controller is robust, well-tuned, and capable of supporting
a wide range of satellite missions.

8.2.2 LQR Euler Angles-Based

The Euler-based LQR controller response to a commanded attitude of 45° for the Euler an-
gles 6 and ¢ can be observed in Figure 8.18 while the response to a commanded attitude of
90° and 9.7° for 8 and v is highlighted in Figure 8.19. The controller parameters to obtain
such a response have been highlighted in Table 8.8 and Table 8.9, respectively. From both
figures, several important conclusions can be drawn. First and foremost, the response pro-
files demonstrate smooth transitions in the satellite’s attitude, characterised by rapid con-
vergence towards the desired orientation. Specifically, the settling time is approximately
50 seconds for Figure 8.18 and around 40 seconds for Figure 8.19. This quick settling time
indicates the controller’s efficiency in aligning the satellite with the commanded attitude
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changes. Moreover, the absence of overshoot suggests that the LQR controller is not only
effective but also highly stable, as it drives the system to the target state without introducing
unnecessary deviations. Taken together, these observations imply that the LQR controller
based on Euler angles is well-suited for precise attitude control.
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Figure 8.18: LQR controller response, in terms of Euler angles, for a commanded attitude change of ¢ = 0°, 6 = 45°, ¢ = 45°.
Settling time = 50 seconds.

Table 8.8: Tuning parameters for the LQR system in terms of Euler angles, for a commanded attitude change of ¢p = 0°, 8 = 45°,
W =45°.

LQR tuning parameters

Awq(°/s) | Awy(°ls) | Aw3z(°ls) | Aqq Aqy Ag3 Mmin/max(N)

5 5 5 0.1 0.2 0.2 + 10
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Figure 8.19: LQR controller response, in terms of Euler angles, for a commanded attitude change of ¢p = 0°, 6 = 9.7°, ¥ = 90°.
Settling time = 40 s.

Table 8.9: Tuning parameters for the LQR system in terms of Euler angles, for a commanded attitude change of ¢ =0°, 6 =9.7°,

¥ =90°.
LQR tuning parameters

Aw1Cls) | AwyCls) | Aw3Cls) | Aqq Agy Aqs3 Mumin/max (V)
5 5 20 5 5 20 + 10

8.2.3 Control Sequence Integration Discussion

From the results highlighted in Section 8.2.1 and Section 8.2.2, discrepancies between the
profiles are evident. Notably, the Euler angle-based controller exhibits a slightly faster re-
sponse to the commanded attitude. This could be due to the fine-tuning challenges in-
herent to quaternion-based control, where changes in a single Euler angle affect multiple
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quaternions, leading to more complex behaviour and a less straightforward controllable
system. While using an Euler-based LQR controller can lead to issues with singularities, a
quaternion-based LQR controller addresses these issues. In this specific case, a controller
for local Euler angles has been designed to rotate at the same rate as inertial Euler angles.
This design allows the model to control inertial Euler angles effectively. When local Euler
angles are used, and the satellite is assumed to be Earth-pointing or consistently oriented
with respect to the orbital plane, singularities (which occur for slews above 90°) are avoided,
because the local Euler angles remain at 0° as the satellite rotates. Additionally, it can be ob-
served that reorientation takes approximately 70 s with the quaternion-based controller and
around 50 s with the Euler angle-based controller. As described in Figure 8.2, the nominal
guidance maneuver currently under study (Fr,,,, = 10 N, I, = 292, Gurobi solver) takes ap-
proximately 100 s. This highlights the need to decouple the control and guidance sequences
for this scenario since a control sequence lasting 70 s out of a 100 s manoeuvre is not viable.
Therefore, it has been decided that the satellite should reorient upstream of the nominal
guidance sequence.

With the results thoroughly presented in this chapter and a comprehensive analysis pro-
vided throughout the report, it is now crucial to draw significant conclusions from the study.
The final chapter will consolidate the findings, offering a clear understanding of the study’s
outcomes and their implications. In addition to summarising the key insights, the discus-
sion will include recommendations for future work, focusing on improving the current ap-
proach and providing guidance for researchers who aim to further advance the field of colli-
sion avoidance.






CHAPTER

Conclusions and
Recommendations

This chapter marks the conclusion of this research, summarising the findings and offering
recommendations for future work. The overall conclusion of the research will be presented
in Section 9.1, addressing each of the research subquestions introduced in Chapter 1. This
section will synthesize the insights gained from the various analyses and simulations con-
ducted throughout the study. Following this, several recommendations for future work will
be proposed in Section 9.2, aimed at further developing and refining the current research.
These recommendations will focus on potential improvements that could be applied to the
current work, to further enhance the guidance and control systems explored in this research.

9.1 Conclusions

For the entire duration of the research work, the need for a robust guidance algorithm ca-
pable of efficiently executing collision avoidance manoeuvres has been highlighted and an
analysis of its design and potential integration with a control system have been performed.
With this, throughout the development and efforts performed in this work, the main re-
search questions have been answered.

To what extent would the use of convex optimisation-based guidance increase the ro-
bustness, safety and efficiency of an autonomous orbit control for the space debris collision
avoidance of mega-constellations?

To properly answer this question in details, it has been broken down into several sub-
questions, which will each be answered, serving as the main conclusion of this research
work. Before delving into the various questions and concluding on the specific elements
highlighted in this research, it is essential to present a general conclusion on the research’s
contributions to the scientific community and, more importantly, to the field of space situa-
tional awareness. One of the most significant outcomes of this thesis is the development and
analysis of a robust guidance system capable of performing collision avoidance manoeuvres
using convex optimisation. The development of this system establishes a foundation for fu-
ture studies to build upon, enabling the incorporation of additional elements and the further
application of convex optimisation in the collision avoidance domain. This research repre-
sents a critical step towards enhancing space sustainability and addressing the space debris
problem that the space industry currently faces.

99
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The sub-questions that will further be answered and developed are the following.

o Which environmental models should be included and with which accuracy, to meet the
operational and CPU load requirements?

As demonstrated in Section 3.4, several forces and moments significantly influence the
entire satellite’s trajectory. Accurately developing and including these models is crucial for
the simulation’s accuracy, ensuring the satellite’s propagation includes maximum accuracy
and closely matches real-life scenarios. It has been observed that omitting certain forces
from the model can lead to discrepancies in the satellite’s trajectory of up to several kilome-
tres, which is unacceptable for collision avoidance scenarios. However, incorporating nu-
merous environmental models also impacts computational efficiency. After evaluating the
trade-offs, it was decided to include the following forces and moments in the environment
model: Earth’s gravity with spherical harmonics up to degree and order 32, Earth’s induced
gravitational and magnetic torques, Moon’s point mass, Sun’s point mass, solar radiation
pressure and moment, and atmospheric aerodynamic drag and moment.

* How can a guidance system be modelled and simulated?

As highlighted in Chapter 7, the entire research work was conducted using MATLAB
Simulink®, which facilitated the development of the different sequences and their integra-
tion. Indeed, Simulink® is fully integrated with MATLAB®, allowing for easy interaction be-
tween simulations and developed scripts. Choosing the Simulink® library also allowed for
the use of already developed blocks in GRADS as suggested in Appendix B.1. Additionally,
MATLAB® scripts were used to develop the complex algorithms necessary for solving the
CAM problem and creating the guidance sequence. As described in Chapter 5, the guidance
sequence is divided into two segments: the nominal guidance segment and the tracking
guidance segment. The nominal guidance segment was modelled using the principles of
convex optimisation and simulated outside of Simulink®. Only the output of this algorithm
(thrust commands) was used in the simulator. The second part of the guidance, the tracking
segment, was partially simulated in Simulink®, using the estimated state of the satellite and
generating a potential thrusting profile for execution. Additionally, MATLAB® scripts were
employed to develop the LQR controller used for the tracking sequence.

* How can a control system be modelled and simulated?

Similarly, the control sequence was constructed using both MATLAB® and Simulink®.
As detailed in Section 7.1, the integration of the control sequence, along with the use of ac-
tuators, was carried out within the Simulink® simulator environment. The development and
testing of the LQR controller, however, were conducted using MATLAB® scripts. The outputs
from these scripts were then fed into the simulator as inputs.

The dual-environment approach that has been used for the overall development of the
collision avoidance manoeuvre sequence, allowed for precise modelling in the MATLAB®
environment and at a later stage, integration of the models into the simulator. Using this
approach allowed for smart testing, refinement, and the use of a more complex algorithm
before applying it to the simulator.
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* Which type of guidance system would be the most optimum in terms of robustness,
safety, and fuel efficiency?

The guidance sequence is divided into two parts: a nominal part identifying the optimal
trajectory for collision avoidance, and a tracking part ensuring the satellite adheres to this
trajectory without deviation. For the nominal guidance, convex optimisation is employed
to determine the optimal path given a range of constraints. Known for its robustness, au-
tonomy, and computational efficiency, convex optimisation offers significant advantages for
this application. Its deterministic nature ensures that if a feasible solution exists, the algo-
rithm will converge to the optimal solution within a fixed number of iterations. The nominal
guidance system has been completely developed and thoroughly tested and showed some
convincing results across several key metrics. To start with, in terms of accuracy, the guid-
ance sequence consistently calculated precise trajectories that closely matched the desired
collision avoidance miss distance, ensuring the satellite efficiently moved to avoid potential
collisions. Then, regarding CPU time, the algorithm demonstrated high computational effi-
ciency, during which the convex optimisation sequence was solved within a reasonable time
when selecting an appropriate solver. This makes the system suitable for real-time appli-
cations where quick decision-making is essential, ensuring the system meets the resources
available onboard satellites. In addition to this, it is worth noting that the guidance sys-
tem optimised the trajectories with as main objective to minimise fuel consumption. This
ensured successful collision avoidance while meeting the main objective, and equally, en-
hanced the overall sustainability of the mission. Following this, by making use of convex
optimisation, the reliability of the system was found to be excellent. As stated earlier, the de-
terministic nature of convex optimisation guarantees that the algorithm will find an optimal
solution if one exists, ensuring consistent and dependable performance, which was found
to be the case during the different testing performed. This is a crucial point to highlight in
such a mission where unexpected deviations can happen. To finish with, it was found that
the guidance sequence was a highly adaptable one, that could be tailored to a wide range
of mission scenarios. This flexibility makes it a valuable tool for such applications in the in-
dustry where every mission is different. Overall, the developed guidance system represents
a significant advancement in satellite collision avoidance technology, which could enhance
space situational awareness and ensure the long-term sustainability of space operations.

» What are the limitations of the developed guidance system on the satellite’s propulsion
capabilities?

As highlighted in Chapter 8, several propulsion systems available on the market have
been tested on the capability of the nominal guidance, to make sure such guidance sequence
could be suitable for any manoeuvrable satellites. From this analysis, it was concluded that
no real limitations in terms of the propulsion system were found. The most efficient nominal
guidance sequence for this precise half-orbit CAM scenario was performed using low-thrust
propulsion and more precisely hall-thrusters with I, = 2,000 s and Fr,,,, = 0.01 N, leading
to mass consumption of only a few grams. However, it has been found that some limitations
existed in the tracking guidance sequence, for which most propulsion means were efficient
enough to counteract the deviation observed between the actual and nominal trajectories.
For most analysed cases, the available thrust was not large enough and led to saturation and
not meeting the set deviation threshold on state deviation.
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* Which objective function, state, and control constraints should be set for this specific
mission?

To successfully develop the guidance sequence using convex optimisation, various con-
straints and objective functions must be defined to ensure the algorithm converges to a ro-
bust and optimal solution. The primary objectives of the manoeuvre are to be fuel-optimal,
safety-optimal, time-optimal, and have minimal environmental impact. To achieve these
objectives, several mission constraints are imposed. The miss distance between the satellite
and debris must remain above a 10 km threshold, which is translated into a keep-out sphere
constraint. The thrust levels are limited by the satellite’s available nominal thrust, and fuel
consumption must be minimised.

* What are the necessary steps included in a conjunction analysis?

While not the primary focus of this research, a basic conjunction analysis was conducted
to underscore the importance of such evaluations, to outline the necessary steps to identify
a potential conjunction and address a real-life scenario in this research work. This study has
shown that the key stages of conjunction analysis begin with an initial screening of the envi-
ronment which enables the identification of potential threats. This is followed by a filtering
process to exclude object pairs that are unlikely to result in a conjunction. Furthermore,
defining critical parameters such as miss distance, collision probability, and other relevant
factors is essential for a thorough analysis. Collectively, these steps establish the foundation
of a robust conjunction analysis.

* Would the algorithm be capable of redirecting the satellite in case divergence from the
optimal path is observed?

Such an algorithm, referred to as tracking guidance, has been developed and tested across
a range of thrusting capabilities and settings. It operates on the principle of correcting the
satellite’s state whenever an unacceptable discrepancy between the estimated trajectory and
the desired (nominal) trajectory is detected. An adaptive LQR controller is used for this state
control sequence. It is termed 'adaptive’ because the LQR parameters adjust based on the
satellite’s manoeuvring state to meet its specific control needs. While the algorithm was suc-
cessfully developed, it was found to be impractical for several reasons. The constant tracking
required by the satellite demands a significant amount of fuel, making it inefficient. Addi-
tionally, this approach is only viable for specific types of propulsion systems, limiting its
general applicability.

To conclude, the work conducted in this thesis not only advances the theoretical frame-
work for collision avoidance but also provides practical tools and methodologies that can
be directly applied to real-world scenarios. By integrating convex optimisation techniques
into the guidance system, the research offers an efficient and reliable approach to manoeu-
vre planning, significantly contributing to the ongoing efforts to maintain a sustainable and
safe space environment. This progress is essential as the space industry continues to grow
and the challenges of space debris become more pressing.
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9.2 Recommendations

While the current research has advanced the research on collision avoidance and explored
the potential benefits of convex optimisation in these systems, there remains room for fur-
ther improvement and investigation. To guide future work and build upon these findings,
several recommendations can be formulated. They will be presented below, classified into
different categories to provide a structured approach for ongoing research efforts. To start
with, some recommendations related to the overall mission set-up and characteristics will
be introduced in Section 9.2.1. This will be followed by recommendations on the guidance,
control, and potential navigation sequence, in Section 9.2.2. To finish with, additional rec-
ommendations not belonging to specific categories will be introduced on Section 9.2.3.

9.2.1 Mission Recommendations

The recommendations linked with the overall mission will be described in this section. These
include the incorporation of additional debris in the analysis, the constellation performance
but also elements linked with the overall manoeuvring sequence.

Debris Number

The current analysis focuses on a specific scenario involving the potential collision between
a Starlink satellite and a single piece of debris. Although the developed algorithm allows for
modifications of the satellite’s characteristics, it has been designed based on the analysis of
an event considering only one miss distance threshold. This limitation means that the algo-
rithm does not account for scenarios where multiple pieces of debris might simultaneously
pose a collision risk during the same segment of the satellite’s trajectory. To more accurately
represent the complexities of the space environment, future implementations should incor-
porate the capability to analyse and account for multiple debris conjunctions. Integrating
this feature into the current algorithm would further enhance its robustness and applicabil-
ity in real-world scenarios.

Constellation Performance

An important aspect of the mission that has yet to be explored is the potential impact of
such manoeuvres on the overall constellation and more precisely on its performance. While
manoeuvres are necessary for maintaining operational safety, they are not without conse-
quences on mission performance. Companies typically aim to minimise these manoeuvres
and execute them as efficiently as possible to avoid unnecessary disruptions. One recom-
mendation for future research is to conduct a comprehensive study on how the constella-
tion’s performance is affected during and after a manoeuvre. This analysis could be crucial
for refining the GNC sequence by integrating constellation performance as a key input pa-
rameter. Such an investigation would require examining a range of parameters that influ-
ence the constellation’s functionality, potentially extending the scope of the current study
into an entire thesis focused on optimising manoeuvre strategies for satellite constellations.
This approach could lead to more informed decisions that balance safety and mission ob-
jectives, ultimately improving the overall effectiveness of the constellation.
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Manoeuvring Sequence

The current mission scenario examines the manoeuvring of a satellite, one orbit before the
conjunction, as well as the effects of initiating the manoeuvre at a later stage. However, the
analysis does not consider the impact of starting the manoeuvre several orbits earlier. Initiat-
ing the manoeuvre earlier might result in lower fuel consumption but could also lead to less
precise adjustments due to the increased propagation of uncertainties over a longer period.
Investigating this aspect would provide valuable insights into the trade-offs between fuel
efficiency and manoeuvre precision, making it a worthwhile addition to the research. An-
other option worth exploring is the possibility of performing multiple manoeuvres (multiple
smaller AV) instead of just one. This scenario could be investigated further to determine its
potential benefits and implications.

9.2.2 GNC Sequence Recommendations

This section presents recommendations related to the guidance, navigation, and control se-
quences. These recommendations include the potential incorporation of a navigation se-
quence, the integration of the later with the control and guidance sequence to get a fully
integrated GNC system, the use of an improved controller and actuators, and the enhance-
ment of the tracking guidance sequence, which demonstrated limitations in the analysis.

Guidance Sequence

The current guidance sequence includes an element that has been rigorously tested, yet
it remains somewhat puzzling from a physical standpoint. During the manoeuvres, every
solver, simulator, and algorithm tested consistently produced the same thrust profile: iden-
tical thrust levels in the X, Y, and Z directions. This uniformity is unexpected, as one would
anticipate variations in thrust depending on the specifics of the manoeuvre. Despite exten-
sive efforts to identify the cause of this behavior, no definitive explanation has been found. It
is therefore recommended to conduct further investigation and additional testing to better
understand this.

Navigation Sequence

This study did not delve into the navigation sequence or its inclusion. Consequently, the
satellite’s estimated state was assumed to match the actual state, making the navigation sys-
tem ideal. However, for comprehensive GNC development, incorporating a navigation se-
quence would be a valuable recommendation for further enhancement. This addition would
provide a more realistic representation of the system’s operation and improve its overall per-
formance and reliability.

Integrated GNC Sequence

With the proposed addition of a navigation sequence as mentioned earlier, another area of
focus could be the development of a fully integrated GNC system. This could result in a fully
autonomous system capable of avoiding debris with precision and efficiency.

LQR Controller

One conclusion drawn from the attitude control analysis was that integrating it with the
nominal guidance sequence was not feasible due to the time required for the implemented
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controller system to produce a stable signal. An improvement suggested in Chapter 6 is to
use a more sophisticated controller, capable of greater robustness. Controllers such as NDI
or INDI are designed to handle nonlinear systems with unknown dynamics or uncertainties,
which aligns well with the requirements of this specific application. Exploring and imple-
menting such a control system demands additional effort and time; however, it holds the
potential to be a valuable addition, facilitating the successful integration of control with the
guidance sequence.

Actuators

The attitude controllers used in this study were assumed to be ideal, without any noise or
limitations. However, such perfect actuators do not exist in reality, and their imperfections
must be taken into account when designing a comprehensive system. Therefore, one recom-
mendation is to implement models of non-ideal actuators and include them in this analysis.
This would provide a more accurate representation of real-world conditions, allowing for
better assessment and enhancement of the system’s performance.

Tracking Guidance Sequence

The current tracking guidance sequence has shown limitations in terms of propulsion re-
quirements and overall feasibility, as the mass consumption for tracking was excessively
high. Based on these findings, three recommendations are proposed to improve the sys-
tem. To start with, the tracking guidance parameters could be adjusted to better suit the
specific problem at hand. This would involve making the parameters problem-dependent,
allowing for more tailored and efficient tracking. The second recommendation is to fur-
ther develop the nominal guidance system. Currently, it uses a linearised state-space model
that only includes the central field model. By incorporating additional effects, such as the
J2 perturbation, the nominal guidance would more accurately reflect real-world conditions.
This improvement would reduce the reliance on tracking guidance, as deviations from the
real-life trajectory would be minimised. The last recommendation would be, similarly to the
attitude control sequence, to use a more sophisticated controller system, such as the INDI
controller. This could enhance the robustness of the controller, making it better equipped to
handle the nonlinearities and uncertainties inherent in the system. By implementing these
recommendations, the overall efficiency and effectiveness of the tracking guidance system
could be significantly improved, leading to a more viable and practical solution.

9.2.3 Additional Recommendations

This section will present any additional recommendations, including those related to the
post-manoeuvring phase and further development of the conjunction analysis by incorpo-
rating additional elements.

Post-Manoeuvre Phase

Currently, the mission scenario only analyses the collision avoidance manoeuvre and con-
cludes once debris avoidance has been achieved. In a real-world scenario, most companies
would want their vehicle to return to its initial orbit to continue the mission that was inter-
rupted. Therefore, studying the post-manoeuvre phase is recommended. This study could
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explore various scenarios, such as continuing on the new orbit, returning to the initial or-
bit, or moving to a different orbit. Each scenario’s associated risks and benefits should be
analysed. Additionally, the potential to use the developed algorithm twice — once for the
avoidance manoeuvre and once for returning to the initial orbit — should be examined to
understand its impact on the mission’s overall characteristics, such as fuel consumption,
mission duration, and risk of subsequent collisions.

Collision Probability

The current conjunction analysis is primarily focused on finding a conjunction event solely
based on the miss distance. However, for a more comprehensive analysis, it is essential to
consider additional factors, such as the collision probability, which significantly influences
the outcome of such evaluations. In real-world scenarios, organisations like LeoLabs and
Space-Track routinely incorporate collision probability in their tracking and analysis to iden-
tify and flag potential conjunctions. These entities continuously monitor and observe space
objects to ensure accurate assessments of collision risks, demonstrating the importance of
including collision probability in conjunction with analyses. Integrating this factor would
align the research more closely with real-world practices and provide a more robust frame-
work for evaluating potential collision scenarios.
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A

Numerical Methods

Some numerical methods, used to approximate solutions to problems that cannot be solved
analytically are used throughout the thesis. Some of the methods used are the principles
of linearisation (Appendix A.1), discretisation (Appendix A.2), numerical integration (Ap-
pendix A.3), numerical propagation (Appendix A.4) as well as (Appendix A.5). The specifics
behind each of these methods and how they are used in this context will be introduced in
the following sections. In addition to these, an introduction of the different solvers used for
optimisation will be given in Appendix A.6. This will include the theory behind the Gurobi,
fmincon and IPOPT solvers, which have thoroughly been used in the research work.

A.1 Linearisation

Throughout the thesis work, the need for linearisation will be present. An example of such is
during the optimisation process, where linearisation was used to construct the state-space
equations for nonlinear dynamical systems. The concept behind linearisation and the steps
to be performed to obtain linearised functions will be detailed in this section. A function can
be evaluated near a specific point (x = xp), using the Taylor series expansion of an infinitely
differentiable function.
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In this case, a first-order linear approximation is adequate for capturing the local be-
haviour of the system at this point. In this equation, f(xg) represents the function value at
the point of study and the remaining depicts the contribution of the tangent line’s slope.

2

1d
f(x)zf(xo)+——f

S| ) (A-2)

X=Xy

A.2 Discretisation

Discretisation of the dynamics is an important step on the convexification process described
in Section 5.4.2. Different types of discretisation processes exist, each with advantages and
disadvantages. In this specific work, the discretisation process is carried out using the c2d',

1Continuous to discrete-time conversion, MATLAB®, https://nl.mathworks.com/help/ident/ref/ dynamicsystem.c2d.ht
ml [Last visited on 28/07/2024].
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in MATLAB®. This process of converting from continuous to discrete time relies on meth-
ods such as ZOH, to be executed. According to Antsaklis and Michel (2006), the discretised
A4 (non-singular) and B,z matrices can be described as follows, leading to the state-space
system definition as a linear discrete system, following the ZOH discretisation.

1 if0<st<AT
we = u(r) = . (A.3)
0 otherwise
At
Ag = et By = f B, ds (A.4)
0
Xi+1 = AaXy + Bauy (A.5)

In addition to the A4 and B,. The construction of the output equation Equation (A.6) is
required, which is non-dynamical, with C4 the output matrix, and D, the direct transition
matrix remaining unchanged and defined by:

Yier1 = Caxg + Dguy (A.6)

Ce=Cq=1Irx7 D;=Dg =074 (A.7)

A.3 Numerical Integration

Integration methods are essential tools in the guidance and control of a space vehicle. The
motion of the satellite is described by a set of differential equations (Section 3.6), numerical
integration algorithms are used to solve these non-linear differential equations and thus pre-
dict the future state of the satellite and simulate its behaviour over time. Usually, the choice
of an integrator is problem-dependent with variations in the integrator’s stability, accuracy
and speed. As was introduced earlier, there exist various categories of ordinary differential
equations (ODEs) in the field of mathematics, which can be solved analytically resulting in
a precise solution. For example, a first-order ODE is defined as observed in Equation (A.8),
with x the differentiable function, x the derivative function with respect to the independent
variable, f the function, ¢, the independent variable (which can be different from time):

i=f(t,x) (A.8)

There exists an infinite number of distinct functions f(x) that can satisfy this equation.
In reality, the majority of differential equations do not conform to a standard form and can-
not be solved using analytic techniques. As a result, it is not possible to obtain a general
solution. This applies to the current mission, which is described not by a single differential
equation but rather by a set of equations. In order to find the solution to such a problem,
numerical methods should be used. The solution is thus estimated by dividing the interval
of interest into a discrete set of points and then using numerical algorithms to approximate
the solution at each point, leading to an approximation of the solution, with its accuracy de-
pending on the method used and the step size. The different relevant families of integrators
used in this simulation, mainly Euler and Runge-Kutta 4, and their respective characteristics
will be introduced in the upcoming subsections.
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A.3.1 Euler Integration

The Euler integration method, sometimes referred to as the polygonal integration method,
is a straightforward technique for approximating solutions to systems of differential equa-
tions. This method is considered to be one of the simplest numerical integration methods
available. It is a first-order numerical technique, which means that the local error is ap-
proximately proportional to the square of the step size (At%). One of the advantages of the
Euler method is that it is an explicit integration method, meaning that the state of a system
at a later time (¢ + 1) can be calculated from the current state of the system (t) without the
need to solve additional equations. However, it should be noted that the accuracy of the Eu-
ler method can decrease rapidly if the solutions change rapidly. The forward Euler method
computes x5+ as follows, with At the step size.

Xp+1 = Xp + AL f(Xp, 1) (A.9)

which is based on a truncated Taylor series expansion, expanding in the neighbourhood
of t = t,,, as described by Zeltkevic (1998):

X (ty +At) = X4 = X (£) + At% +0 (A1?) = xp + At f (X, tn) + O (AF?) (A.10)
ty
Despite its limitations, the Euler method remains a useful tool for approximating solu-
tions to a variety of problems. It is particularly effective when applied to systems that exhibit
relatively smooth behaviour. In general, the Euler method can be used to provide a good ap-
proximation of the behaviour of a system over a short period of time, making it an attractive
option for many practical applications.

A.3.2 Runge-Kutta 4 Integration

The family of Runge-Kutta integration method are a class of numerical techniques used
for solving ODEs. They are related to Euler’s method but they are more accurate and effi-
cient. Indeed, they do not require excessive computational time and are relatively easy to
implement. In the Runge-Kutta family, the most popular method is the Runge-Kutta 4 (RK4)
(fourth order), which has an LTE of order A£°. This method looks at four different points in
each step and uses this information to calculate a better guess for the next step. This process
is then repeated over again.
B Iy ky ks ks 5

Xpil =Xp+ E+?+?+E At+O(A?L) (A.11)
with At the time step, ¢, and x, the time and state at current time step (n). Additionally,
k1, kz, k3 and k4 represent the time-derivative vectors at various points within the integra-
tion step (the slopes). Then, all estimates of the slope in a weighted average will be used to
generate the final estimate. The midpoint slope estimates are typically given twice as much
weight as the endpoint estimates as observed hereafter.

I = 'f(xnr tn),
k At
kz=-f(xn+7‘,rn+7),
(A.12)
Is=-f|x +E 3 +E
3 n 2) n 2 ’

ky= f (xp+ks, t,+Al).
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As stated earlier, RK4 is a very popular integration method since it is easy to implement
and is already readily available in most software due to its popularity. RK4 may however not
be suitable to solve complex systems that require higher-order methods for more accuracy. It
can also be less accurate than higher-order methods like RK4(5), which can provide a higher
level of accuracy with similar computational efficiency. For the propagation of dynamics in
Simulink®, an RK4 integration with fixed step size has been used. This allows the propaga-
tion distance to be divided into equal time steps, having the advantage to simplify the post
processing of the data. But also comes at the cost of efficiency and CPU time increase.

A.4 Numerical Propagation

For verification purposes or when dealing with simplified models, solving Kepler’s equation
is sufficient to allow the propagation of objects in time. However, when dealing with per-
turbations and when including all relevant perturbations introduced in Section 3.4, a more
complex propagator is necessary to solve such an initial value problem. In the current work,
two propagators have been used for distinct purposes, Cowell’s method and the Simplified
General Perturbations 4 (SGP4) model. Both methods will be introduced hereafter.

A.4.1 Cowell’s Method

For the current research, when propagating the dynamics in time in the Simulink® model, a
more sophisticated propagation method is required. A popular method, known as Cowell’s
formulation has been used for this purpose. Traditionally, it is applied in a Cartesian coordi-
nate system, as in Equation (A.13). But it can also be written using spherical coordinates.

d’r

dar?

This approach offers significant benefits primarily due to its straightforward formula-

tions, making it simple to program and solve. However, it also comes with some drawbacks,

which mainly happen when significantly large forces are taken into account. This is for ex-

ample the case when near a large perturbing body. The need for smaller time steps is then

necessary, leading to larger computation times as well as steadily growing numerical inte-

gration errors. It has been found that Cowell’s method, even if simpler, can be 10 times more
efficient than Encke’s method, another popular propagation method (Bate et al., 1971).

=L riam (A13)
;

A.4.2 SGP4 Method

The SGP4 algorithm has been used, as described in Chapter 4, to perform the conjunction
analysis. It has mainly been used to match with the environment and technology used by
Space-Track. The SGP4 propagator has been directly downloaded from Celestrak” as an open
source, fully compatible with MATLAB®. It was mainly employed to predict the positions and
velocities of each Starlink satellite and debris object at discrete intervals. The currently used
and updated SGP4 propagation is one programmed by David Vallado, which relies on TLE
sequences provided by the U.S. Government for several decades, and which can be retrieved
as open sources as has been described in Section 4.3.1. More information on the SGP4 can
be found in Vallado and Crawford (2008).

2Celestrak, Satellite Tracking Software, https://celestrak.org/software/tskelso-sw.php, [Last visited on 10/05/2024].
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A.5 Interpolation

The principle of interpolation was applied in this research, particularly in the development
of the guidance system. For instance, during the testing phase, simulations were conducted
to assess the feasibility of interpolating various true anomaly segments, the interpolation
was performed using the "1D Lookup Table”", which works on the principle of generating
an output signal by interpolating the table values. As the default interpolation method be-
tween break-point values, it makes of linear point-slope interpolation, whose principle will
be introduced hereafter. A similar process is performed when using the "From Workspace®"
block, which is used to generate output values for simulation times that fall between the
sample times in the loaded workspace data. This block performs linear interpolation using
two adjacent points from the workspace data to determine the output value. Linear inter-
polation is a numerical method used to approximate the values of a function between any
two known discrete data points. The mathematical formulation to approximate an unknown
value using two of the closest values and thus using 1D linear interpolation is as follows:

fx)=fx)+

M(x_xl) (A.14)
X2

in which f(x) is the unknown value we want to approximate, f(x;) and f(x») are the known
value surrounding f(x) with corresponding values x; and x;.

This method is the least accurate linearisation method but it has the advantage of being
a fast method, which can sometimes be accurate enough when a large number of data are
available or when the function is quasi-linear. Its main disadvantage comes from the fact
that the first derivative is usually discontinuous at nodal points. It is a great numerical in-
tegration method to use when working with a database where a large number of tabulated
data is available. However, when no such large amount of data is available and where a small
discontinuity will lead to a large jump in the available data, another more accurate type of
interpolation could be required. These types of interpolation methods are able to generate
smooth functions, which allow for differentiation at the control points.

A.6 Convex Optimisation Solvers

As described in Section 5.4.3, three different solver algorithms are relevant and will be tested
for in this research work. Each has different characteristics and works on different principles,
their specifics will be introduced in this section. To start with, the details behind the Gurobi
solver will be introduced in Appendix A.6.1. This will be followed by the specifics of the
interior point optimiser (IPOPT) in Appendix A.6.2. To finish with, the characteristics of the
fmincon solver will be introduced in Appendix A.6.3.

A.6.1 Gurobi

The Gurobi solver can mathematically solve a large range of optimisation problem types. It
does so by employing different algorithm specifics to the problem at hand. For example,

3MathWorks, 1-D Lookup Table, https://www.mathworks.com/help/simulink/slref/1dlookuptable.html, [Last visited on
17/04/2024].

4MathWorks, From Workspace, https://nl.mathworks.com/help/simulink/slref/fromworkspace.html, [Last visited on
17/04/2024].
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it can deal with linear programming problems, quadratic programming as well as mixed-
integer programming (linear and quadratic). The available algorithms used by Gurobi are the
simplex algorithm, the interior-point algorithm or the branch-and-bound algorithm, their
usage is dependent on the problem’s nature.

Simplex algorithm: One of the pivotal breakthroughs in linear programming came with the
development of the simplex method by George Dantzig. This algorithm offers a structured
methodology for identifying the optimal solution to linear programming problems. It offers
a strategy for addressing linear programming by incrementally improving enhancements of
the objective function value. This is performed by converting the problem into standard
form and subsequent expression in canonical form. From this, the basic feasible solution
can be discerned and the objective function can be refined for optimisation. This method
enables the facilitation of optimisation across diverse applications. More details on the the-
ory of the simplex algorithm can be found in the work of Nash (2000).

Interior-point algorithm: The primary objective of the interior-point algorithm is to locate
the optimal solution of the optimisation problem by traversing from one point along the ob-
jective function to another within the interior of the feasible region. This is typically done
through using a two-phase approach. The initial phase is dedicated to establishing a feasible
solution, while the subsequent phase focuses on refining this solution towards optimality.
This dual-phase strategy ensures systematic and efficient optimisation, making this method
an efficient one in optimisation strategy. More details on the theory of interior-point algo-
rithm can be found in the work of Nemirovski and Todd (2008).

Branch-and-bound algorithm: This method involves dividing the main problem into smaller,
manageable sub-problems. This process is known as branching. Each of these sub-problems
is then solved, striving for the optimal solution. The key feature of this method lies in its
use of bounds, which act as guiding constraints to eliminate the necessity of exploring sub-
optimal solutions. By systematically navigating through the problem space, this method ef-
ficiently refines its search, ultimately converging towards the optimal solution. More details
on the theory of branch-and-bound algorithm can be found in the work of Guida (2014).

A.6.2 Interior Point Optimiser (IPOPT)

IPOPT is a software package that can be used to solve general non-linear programming prob-
lems, defined as follows:
Minimise: min f(x)
xeR”
subjectto: gr<g(x)<g? (A.15)

i<x<xV

It is a freely available open-source package, specifically crafted to discover local solu-
tions for optimisation challenges. It operates on the principle of employing an interior-point
line-search filter method, extensively detailed in the documentation by Wachter and Biegler
(2006). The line-search filter method interprets the nonlinear function as a bi-objective opti-
misation problem, aiming to minimise both the objective function and constraint violations.
According to this approach, a trial point is evaluated and accepted if it demonstrates suffi-
cient progress towards either objective compared to the preceding iteration.
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A.6.3 Fmincon

Fmincon is a non-linearly constrained multi-variable optimisation solver. This solver finds
the minimum of a problem, specified as follows:

mxin f(x) such that

c(x)<0
ceq(x):O
{A-x<b
Aeqg X =Dbeq

Ib<x<ub

(A.16)

in which, b and b, are vectors, A and A, are matrices, c(x) and c.4(x) are functions that
return vectors, and f(x) is a function that returns a scalar. f(x), c¢(x), and c.4(x) can be non-
linear functions. In MATLAB®, the fmincon algorithm is used. One that finds the minimum
for the generated problem. The algorithm objective changes depending on the nature of
the constraint. In this specific convex guidance case, there exists both linear inequality and
equality constraints. With such nature of the problem, the fmincon algorithm will look for
the minimum value of Rosenbrock’s function:

f(x,y) = (a—x)%+b(y - x*)? (A.17)

This function usually serves as a benchmark for testing and comparing the performance
of optimisation algorithms. This is particularly useful to solve for nonlinear and non-convex
optimisation problems. This function is a standard test function being used in optimisation.
It has a unique minimum value of 0 at the point [1,1]. Finding its minimum is the goal of most
algorithms, but it can be a challenge for some since the function has a shallow minimum
inside a deeply curved valley (Picheny et al., 2012).
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Simulation User Guide

This chapter serves as a user guide for anyone wanting to access the programming files for
further research. This user guide will allow the reader to further understand the MATLAB®
GRADS Library (Appendix B.1) as well as how the YALMIP toolbox (Appendix B.2) is con-
structed. In addition to this, an overview of the different programming files and how they
have been stored will also be introduced in Appendix B.3.

B.1 MATLAB® - GRADS Library

The development philosophy behind the GRADS library prioritises creating functional blocks
that are not only used to build a simulator but are also easy to understand and verify. As a
result, many of the new blocks are implemented as MATLAB® functions. The GRADS library
is divided into a number of top-level blocks; Utilities, Propagators, Environment, Sensors,
Actuators, H/W Interfaces and GNC. Each top-level block will be detailed in this section with
the information provided directly taken from Mooij (2021), in which additional details can
be found if required.

Utilities: This library contains a range of resources for working with transformations be-
tween matrices, time frames, and other related concepts. It is divided into several sub-
blocks, including Transformation Matrices, Time Utilities, Coordinate Transformations, and
Mathematics. Each sub-block delves deeper into the subject matter and includes its own set
of sub-subgroups.

Propagators: This library contains a number of propagators to be used depending on the
requirements and characteristics of the mission at hand. Some of the currently available
propagators are the following: Rigid-Body Cowell (3 DOF translational), Rigid-Body Cow-
ell (3 DOF translational) External initialisation, Variable Mass Cowell (3 DOF translational),
Orbital Propagator (Central Gravity Field), Orbital Propagator With Thrust (Central Gravity
Field), Rotational Dynamics (Euler Equation), and more.

Environment: This library includes a number of forces and moments models to represent
the current space environment. This library has been developed for space-centred mis-
sions and thus the environment models are all Earth-based, except for the Sun and Moon
ephemerides models. Some of the currently available physics models, forces and moments
are the following: Central Magnetic Field, Sun (and Moon) Position in ECI (J2000) coordi-
nates, Gravity-Field Force and Moment, Third-Body Force and Moment, and more.
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Sensors: A number of sensors are also simulated within the GRADS library. Some of them
are the Fine Sun Sensor, Star tracker, Three-channel gyroscope, and more.

Actuators: A number of actuators are also simulated within the GRADS library. Some of
them are a Magnetorquer, Reaction Wheels Simple, Single Thruster, and more.

B.2 MATLAB® - YALMIP Toolbox

YALMIP is a a toolbox used for modeling and optimisation in MATLAB®. Such toolbox can be
easily installed through the following link: https://github.com/yalmip/yalmip/archive/mas
ter.zip. It has been used as a tool to define the guidance optimisation problem. The toolbox
has the advantage of allowing the definition of different types of programs, including linear,
quadratic, semi-definite, and nonlinear. The toolbox has been useful to use in the problem
definition since it can handle various problem complexities, including non-convex ones,
as was the case for the initial problem at hand. In addition to this, multiple constraints and
objectives can be input making it a versatile tool to work with. In addition to the optimisation
toolbox, solvers are required for optimisation purposes. These are not included into the
YALMIP environment, should be carefully selected and installed. More information on these
solvers has been introduced in Section 5.4.3.

B.3 Programming Files Overview

This section will introduced an overview of the different programming files, allowing for
easier reproduction of the research work. Each folder comes with subfolders containing a
"Scripts", a "Figures" and where applicable a "Data" folder. To start with, the "Scripts" folder
contains all the MATLAB® and Simulink® codes. The "Data" folder contains all the ".mat" or
".txt" files that are necessary for the correct execution of the programming files. And to fin-
ish with, the "Figures" folder contains all generated figures from the scripts. There are many
scripts that have been created for different purposes. Only the main ones, encompassing the
most important elements of the thesis work will be discussed hereafter.

B.3.1 Initialisation

Several initialisation files are required to run any of the script created in this thesis work. It
has been decided to group them in one folder for ease of use and to easily add them to the
programming path all at once. The "1.0| Initialisation Files" folder contains all the necessary
scripts for such purpose. As described in Appendix B.1 and Appendix B.2, both YALMIP and
GRADS environments are necessary throughout the simulations, these can be found in the
initialisation folder. Then, "Run.m" encompasses all initialisation files containing informa-
tion on the objects and environment to be simulated. In addition to these, some other files
with useful formulas or post-processing codes can also be found in this folder. It is one of
the most used folder since necessary to run before any simulation.

B.3.2 Environment

The "2.0 | Environment" folder encompasses all files used to build and test the environment
that will be used for every simulation throughout the study. This analysis has been per-
formed to simulate and analyse the different forces and moments acting on a Starlink satel-
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lite, located at approximately 550 km altitude. The main Simulink® file developed for that
matter is "EnvironmentTesting.six". In the latter, the state of a satellite is inputted in the
simulation, it is then subjected to different forces and moment and the outcome of the anal-
ysis is then saved in the "DataEnvironmentTesting 10000.mat" for further post processing,
analysis, and plotting as performed in "EnvironmentTestingScript.m". The outcome of the
analysis are grouped in the "Figures" folder.

B.3.3 Conjunctions Analysis

The entire conjunction analysis is contained in the "3.0|Conjunction Analysis" and divided
into three subfolders. To start with, a data processing sequence has been performed to un-
derstand the state of the space at a specific time. This was performed using the files gath-
ered in the "Space State Analysis" folder. A large number of ".txt" files created with data from
Space-Track' can be found in this folder. Additionally, all scripts used for post-processing
and the figures created through this can also be found there. Then, the necessary scripts and
relevant ".txt" files needed for conjunction simulation have all been gathered in the "Simu-
lation" folder. To finish with, the Simulink model including the full conjunction event be-
tween the Starlink satellite and debris can be found in the "Simulink" folder. In this folder
additional relevant scripts and constructed figures from the event can also be found.

B.3.4 Guidance Sequence

The whole guidance sequence algorithm and the different scripts it encompasses have all
been gathered under "4.0 | Convex Guidance Starlink".

The main convex optimisation and guidance sequence script, used for the entire guidance
sequence simulation, is named under "Convex_Optimisation_Script.m". Through this script,
the entire optimisation process is ran together with the full Simulink model which is found
under "FullArchitectureTracked_Structured_Final.slx". The required data files that are nec-
essary for the scripts can all be found under the "Data” folder. An analysis of the different
means of propulsion has also been performed, with the relevant coding sequence found
in "Convex_Optimisation_Propulsion_Analysis.m" and the relevant figures in the "Figures”
folder. Additional scripts can also be found, used for plotting, for the tracking guidance anal-
ysis, the guidance LQR development, and more.

B.3.5 Control Sequence

The full control sequence analysis has been performed under "5.0 | Control". To start with,
the full architecture simulation, including the control sequence, can be found in the "FullAr-
chitectureTrackedControl_Euler.slx" simulation script (for an LQR in terms of Euler angles)
and in the "FullArchitectureTrackedControl_quaternion.slx” simulation script (for an LQR in
terms of quaternions). Several additional tests for the LQR controllers have been performed,
with the scripts named under "LQR_q_control.m" and "LQR_euler_control.m", for a quater-
nions LQR and Euler angles LQR respectively.

B.3.6 \Verification

A number of verification tests have been performed, as described in Section 7.2. All tests that
have been performed through MATLAB® scripts can be found in the main "6.0 | Verification
Tests" folder and more specifically in different subfolders depending on the test category.

1Space-Track, Query Builder tool, https:/ /www.space- track.org/#queryBuilder [Last visited on 26/02/2024].


https://www.space-track.org/#queryBuilder
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