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Summary
This thesis is part of a project that focuses on developing an optimisation framework for dynamically
scaled flight testing. The optimisation framework must design the scale model and the flight test such
that the performance of the scale model is representative to the full-scale aircraft. The similarity in the
performances between the scale model and the full-scale aircraft is achieved by altering the geome-
try, the mass distribution and the structure of the model, which are related to the aerodynamic, flight
dynamic and structures disciplines respectively. This thesis contributes to the aerodynamics optimisa-
tion framework by focusing on the development of a parametric model that is capable of deriving the
stability and control derivatives.

The research goals of the thesis are mostly related to the construction of a parametric aircraft model
for the aerodynamic solvers that are based on a first order panel method like VSAERO. The most
important goal is how to model the trailing edge moveables for a first order panel method for deriving
the control derivatives. This thesis will investigate three options for creating the moveables. The first
option (’normal rotation’) is a mathematical operation in VSAERO that rotates the normal vectors of
the body panels that represents the moveable. The second option (’transition surface’) is a wing with
a moveable model that has transition surfaces between the wing and the moveable in the spanwise
direction. The third option (’gap’) is the same model as method two, but instead of transition surfaces,
there is a gap between the wing and the moveable. The second research goal is to compute the stability
& control derivatives of the parametric model and investigate the accuracy of these derivatives.

Out of the threemodelling options, the wing with amoveable model that has a gap between the sides
of the moveable and the wing was useless in VSAERO. The model was unstable due to the presence
of the gap. The gap creates a very low pressure locally, which accelerates the surrounding airflow to a
ridiculously high value. The difference between the ’normal rotation’ and the ’transition surface’ models
is the location of the moveable suction peak. The suction peak of the ’normal rotation’ model is located
on the wing in front of the start of the moveable, while the suction peak of the ’transition surface’ is
located at the start or slightly behind the start of the moveable. The effect of different locations of the
suction peaks is that a suction peak on the wing will generate less induced drag than a suction peak
located on the deflected moveable.

The results of stability & control derivatives for the ’normal rotation’ and the ’transition surface’ mod-
elling options were quite acceptable with the static derivatives as the most accurate derivatives with an
average error of seven percent. The control derivatives, on the other hand, was the least accurate with
a mean error of 40 percent. The overall performance of the two moveable modelling options is that they
were performing equally well when only the accuracy of the derivatives was observed. The ’transition
surface’ modelling option was more accurate in the prediction of lateral stability derivatives and the
longitudinal control derivatives than the ’normal rotation’ option, while the ’normal rotation’ option was
more accurate in predicting the longitudinal stability derivatives and the lateral control derivatives. But
the deflection of the rudder produces side force, yaw moment and roll moment coefficients that are less
accurate for the ’normal rotation’ option then for the ’transition surface’ option.

The ’transition surface’ modelling option is the better option for modelling the moveable because it
produced more accurate aerodynamic results than the ’normal rotation’ modelling option. Both move-
able modelling options have its strengths and weakness when concerning the prediction of the stability
and control derivatives, and neither of the two was considerably better. Thus based on the accuracy of
the aerodynamic characteristics, the ’transition surface’ modelling option is the best option for modelling
the moveables of a first order panel method solvers like VSAERO.
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Nomenclature
Roman Symbols

𝑎 Linear acceleration [m/sኼ]

𝑏 Wingspan [m]

𝑐 Chord length [m]

𝐶ፃ Drag coefficient [-]

𝐶ፋ Lift coefficient [-]

𝐶፥ Roll moment coefficient [-]

𝐶፦ Pitch moment coefficient [-]

𝐶፧ Yaw moment coefficient around the Z-axis [-]

𝐶፩ Pressure coefficient [-]

𝐶ፗ Force coefficient in direction of X-axis [-]

𝐶ፘ Force coefficient in direction of Y-axis [-]

𝐶ፙ Force coefficient in direction of Z-axis [-]

𝐸 Young’s modulus [N/mኼ]

𝐸𝑢 Euler number [-]

𝐹 Force [N]

𝐹𝑟 Froude number [-]

𝐺 Shear modulus of elasticity [N/mኼ]

𝑔 Gravitational acceleration [m/sኼ]

𝐼 Mass moment of inertia [kg⋅mኼ]

𝐼ᖣ Area moment of inertia [mኾ]

𝐼፩ Incidence angle engine trust [deg]

𝐽ᖣ Polar moment of inertia [mኾ]

𝑘 Radius of gyration [m]

𝐿 Lift force [N]

𝑙 Length [m]

𝐿 Roll moment [Nm]

𝑙፡ Length from center of gravity to aerodynamic center of horizontal tail plane in
direction of X-axis [m]

𝑀 Mach number [-]

𝑚 Mass [kg]
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𝑀 Pitch moment [Nm]

𝑁 Number of cycles [-]

𝑛 Scale factor [-]

𝑁 Yaw moment [Nm]

𝑁፡ Normal force of horizontal tail plane [N]

𝑃 Period [N/mኼ]

𝑝 Pressure [N/mኼ]

𝑞 Dynamic pressure [N/mኼ]

𝑅 Gas constant [-] or radius [m]

𝑅𝑒 Reynolds number [-]

𝑆 Wing area [mኼ]

𝑠 Displacement distance [m]

𝑆፡ Horizontal tail plane area [mኼ]

𝑆𝑡𝑟 Strouhal number [-]

𝑇 Temperature [K]

𝑡 Time [s]

𝑇 [-] Engine thrust coefficient [-]

𝑢 Velocity in the direction of the x-axis [m/s]

𝑉 Velocity [m/s]

𝑉ፒ Speed of sound [m/s]

𝑊 Weight [N]

𝑋 Aerodynamic force along the X-axis [N]

𝑌 Aerodynamic force along the Y-axis [N]

𝑍 Aerodynamic force along the Z-axis [N]

Greek Symbols

𝛼 Angle of attack [deg]

𝛽 Angle of sideslip [deg]

𝛾 Adiabatic constant or isentropic expansion factor [-]

𝛿 Deflection angle [deg]

𝛿ፚ Aileron deflection [deg]

𝛿፞ Elevator deflection [deg]

𝛿፫ Rudder deflection [deg]

𝛿፭ Trim tab deflection [deg]

𝜁 Damping ratio [-]
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𝜂 Response damping [rad/s]

𝜆 Eigenvalue [-]

𝜈 Kinematic viscosity [mኼ/s]

𝜌 Mass density of air [kg/mኽ]

𝜑 Bank angle [deg]

Ω Angular rate [rad/s]

Ω̇ Angular acceleration [rad/sኼ]

𝜔 Frequency of oscillation or damped natural frequency [rad/s]

Subscripts

0 Initial condition

2 ... to doubling amplitude
ኻ
ኼ ... to halving amplitude

𝑎 Full-scale aircraft

𝑚 Scale model

𝑛 Natural

𝑝 Derivatives w.r.t. to the angular velocity about X-axis [s/rad]

𝑞 Derivatives w.r.t. to the angular velocity about Y-axis [s/rad]

𝑟 Derivatives w.r.t. to the angular velocity about Z-axis [s/rad]

𝑟 Ratio between scale model and full-scale aircraft w.r.t. to the parameter

𝑢 Derivatives w.r.t. to the velocity component along the X-axis [s/m]

𝛼 Derivatives w.r.t. to angle of attack [1/rad]

𝛼 Derivatives w.r.t. to angle of sideslip [1/rad]

𝛿ፚ Derivatives w.r.t. to aileron deflection [1/rad]

𝛿፞ Derivatives w.r.t. to elevator deflection [1/rad]

𝛿፫ Derivatives w.r.t. to rudder deflection [1/rad]

𝛿፭ Derivatives w.r.t. to trim tab deflection [1/rad]

Abbreviations

𝐶𝑆𝑇 Class Shape Transformation

𝐾𝐵𝐸 Knowledge Based Engineering

𝑀𝐴𝐶 Mean Aerodynamic Chord [m]

𝑀𝑀𝐺 Multi-Model Generator

𝑁𝑉𝑃𝐼 Number of viscous potential iterations

𝑁𝑊𝐼𝑇 Number of wake iterations

𝑆𝑂𝐿𝑅𝐸𝑆 Solution Residual

𝑈𝑀𝐿 Unified Modelling Language





1
Introduction

New aircraft configurations like the blended wing body aircraft are predicted to have lower fuel con-
sumption than traditional aircraft configurations by reducing the drag of the aircraft. The blended wing
body, for example, eliminates the fuselage and thus a large portion of a non-lifting component of the
aircraft.

Numerous design studies have been carried out for analysing the design of unconventional aircraft
configurations. These design studies focus on three key characteristics of the aircraft, which are aero-
dynamic performance, flight performance and the handling qualities. Most design studies performed
on the unconventional configurations are ’paper’ studies that are being supported by computer aided
analysis. Validating these studies require actual flight testing and a full-scale flight test is infeasible due
to its high costs and development time. A potential solution to this problem is dynamically scaled flight
testing.

Dynamically scaled flight testing is a flight test with a dynamically scaled model to simulate the flight
characteristics of the full-scale aircraft. Dynamically scaled flight testing can significantly reduce the
test preparation, test time, costs and risks.

Within the Flight Performance and Propulsion group, a project has been started to develop an
optimisation framework for designing and predicting the flight mechanics of a dynamically scaledmodel.
The framework analyses the behaviour of a dynamically scaled model in response to atmospheric
disturbances and/or pilot inputs. The primary usage of this framework will be the optimisation of the
scale model or the flight conditions of the scaled model to minimise the difference between the flight
behaviour of the scaled model and the full sized aircraft. The framework will be especially useful for
unconventional designs, where the flight response is mostly unknown.

The thesis focuses on the generation of the parametric aircraft model that will be used by the aero-
dynamic optimisation framework. The questions that arise are: How do you model the aircraft and
its control surfaces such that it can be used to determine the flight mechanics? How do you link the
model to an first order panel method tool like VSAERO? The subject of this thesis is thus to develop a
parametric aircraft model for determining the stability and control derivatives.

The report is structured as follows. The background information about dynamically scaled flight
testing and thesis goals are presented in chapter 2. Chapter 3 presents the parametric aircraft tool
for modelling the aircraft. Chapter 4 explains the different methods for modelling the moveable/control
surfaces. In chapter 5, the coupling between the aerodynamic tool and the model, will be explained.
The validation of the aerodynamic results of the model will be presented in chapter 6. Chapter 7 con-
tains the data about the stability and control derivatives and validate these derivatives. The conclusion
and recommendations will form the last chapter of this thesis.

1





2
Context and Thesis Goals

Aircraft scale models have played a significant role in the development of aircraft throughout the history
of human flight. Model testing is a crucial tool for understanding the aerodynamic flow properties and
the flight mechanics of aircraft especially for unconventional and novel designs like the blended wing
body aircraft. Aircraft model testing can either be static testing or dynamic testing. The goal of a static
test is to analyse the aerodynamic properties of the scale model, while the focus of a dynamic test is
to observe the flight behaviour of the scale model.

Developing and certifying a new aircraft requires a lot of full-scale flight test to predict the flight
characteristics of the new aircraft. The potential of scaledmodel research is to reduce the amount of full-
scale testing. Dynamically scaled model flight research, in particular, reduces the number of required
flight tests of the full-scale aircraft, which in turn increases the safety and significantly reduces the risks
and the costs in the development process. Also, the efficiency of the design process is improved since
model testing can be commenced earlier in the design process than full-scale tests.

2.1. Concept of Scale Model Testing
The basic concept behind scale model testing is similitude in which the test data of the model can be
used to predict the behaviour to the full-scale aircraft. The main issue behind model testing is how to
ensure that the model results apply to the real life situation of the aircraft. So which flow conditions and
model properties are required for model testing to achieve similitude?

The similarity between the model and prototype can be divided into two categories. The first cat-
egory is model similitude and is related to the geometry of the model and its properties such as its
moments of inertia. The second category is flow similitude. This category is related to the properties
of the flow and specifies the required testing conditions for the model to achieve flow similarity.

2.1.1. Model Similitude
Model similitude is achieved by scaling or altering the model itself to ensure that the models character-
istic can be correlated to the characteristics of the full-scale counterpart. This concept provides some
scaling conditions for the model itself so that the model exhibits the same dynamic behaviour as the
full-scale aircraft when it is loaded with the same scaled loads. Model similitude encompasses three
scaling principles, which are geometric, dynamic and elastic scaling.

Geometric Scaling
Geometric scaling is the simplest scaling principle. It requires that themodel and the full-scale aircraft to
be scaled such that they have a similar geometry. Similarity in geometry implies that the ratios between
corresponding lengths of the model and prototype are the same. The requirement for geometric scaling
is illustrated in equation 2.1.

𝑐፦
𝑐ፚ
= 𝑏፦
𝑏ፚ

= 𝑛 (2.1)

3



4 2. Context and Thesis Goals

Dynamic Scaling
”Dynamically scaled free-flight models are not only geometrically scaled replicas; they are specially
designed to ensure motion similitude between the subscale model and the full-scale subject. The
model and the aircraft are referred to as dynamically similar, when the geometrically similar model
reacts to external forces and moves in such a manner that the relative positions of its components are
geometrically similar to those of a full-scale airplane after a proportional period of time.” as defined by
Chambers [1].

In short, a dynamically scaled model will have a similar flight path and angular displacement as the
full-scale aircraft. The difference resulting from dynamic scaling is the time duration for each particular
movement. Evaluating the test results requires a mathematical factor (equation 2.12) to compensate
for the different time scale ratio.

Besides the geometric requirements, dynamic scaling gives additional requirements for achieving
dynamic similitude. These requirements set the required mass and mass moment of inertia of the scale
model. The requirements are the relative density factor and the relative mass moment of inertia [2] of
equations 2.2 and 2.3 respectively [3].

( 𝑚𝜌𝑙ኽ)፦
= ( 𝑚𝜌𝑙ኽ)ፚ

(2.2)

( 𝐼
𝜌𝑙)፦

= ( 𝐼
𝜌𝑙)ፚ

(2.3)

The mass and mass moment of inertia ratios between the model and the aircraft can be derived using
the above equation and is shown in equation 2.4 and 2.5 [3].

𝑚፦
𝑚ፚ

= 𝜌፦
𝜌ፚ
𝑛ኽ (2.4)

𝐼፦
𝐼ፚ
= 𝜌፦
𝜌ፚ
𝑛 (2.5)

Equation 2.4 and 2.5 shows that both the mass and the mass moment of inertia ratios are dependent
on the scale factor and the air density ratio. For example, a 1/10th scale model flying at the same
altitude as the full-scale aircraft needs to have a mass that is 1/1000th of the full-scale aircraft, while
the mass moment of inertia needs to be 1/100000th of the full-scale aircraft. Thus a dynamically scaled
model will, therefore, require a mass and a mass moment of inertia that is smaller than the full-scale
aircraft. The mass and the mass and mass moment of inertia of the scale model is also affected by the
test altitude of the scale model and the flight altitude of the aircraft. Lowering the test altitude of the
scale model below the flight altitude of the aircraft will increase the required mass and mass moment
of inertia of the scale model.

Elastic Scaling
Elastic scaling is used for matching the elastic structural properties such as aeroelastic bending and
torsion modes or for matching the flutter properties between the scale model and the full-scale aircraft
[2]. Elastic scaling is only needed if the aeroelastic interaction between the fluid flow and elastic body
has a significant impact on the aerodynamic performance and hence on the flight mechanics.

The similitude conditions for achieving aeroelastic similarity between the scalemodel and the aircraft
are the aeroelastic bending and the aeroelastic torsion equations given below respectively [3].

( 𝐸𝐼ᖣ
𝜌𝑉ኼ𝑙ኾ)፦

= ( 𝐸𝐼ᖣ
𝜌𝑉ኼ𝑙ኾ)ፚ

(2.6)

( 𝐺𝐽ᖣ
𝜌𝑉ኼ𝑙ኾ)፦

= ( 𝐺𝐽ᖣ
𝜌𝑉ኼ𝑙ኾ)ፚ

(2.7)

The bending and torsional stiffness ratios between the scale model and the aircraft that are used for
achieving aeroelastic similitude are derived from equation 2.6 and 2.7. The stiffness ratios are given in
equations 2.8 and 2.9.
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𝐸𝐼ᖣ፦
𝐸𝐼ᖣፚ

= 𝑞፦
𝑞ፚ
𝑛ኾ (2.8)

𝐺𝐽ᖣ፦
𝐺𝐽ᖣፚ

= 𝑞፦
𝑞ፚ
𝑛ኾ (2.9)

The bending and torsional stiffness ratios are dependent on the scale factor ratio and the dynamic
pressure ratio. Assuming the dynamic pressure ratio to be one, a 1/10th scale model will, therefore,
require a bending and torsional stiffness that is ten thousand times smaller than the stiffness of the
full-scale aircraft for achieving elastic similitude of the structure. The required stiffness of the scale
model can, however, be increased by flying at a lower altitude or increasing the flight velocity.

2.1.2. Flow Similitude
The essence of flow similitude or similarity is to achieve the same fluid flow behaviour between the scale
model and the full-scale aircraft. Flow similarity is achieved by setting up the required atmospheric test
conditions of the scale model for achieving similitude. There are two types of flow similarities and these
are the kinematic similarity and the dynamic similarity.

Kinematic Similarity
Kinematic similarity is the similarity of the fluid motion between the model and the aircraft. The similarity
of fluid motion means that an air particle at any point in the airflow of the scale model must have a
velocity that is n times smaller or bigger than the velocity of the air particle at a similar point in the
airflow of the aircraft. n is a constant factor and it never changes when the location in the airflow is
changed. Kinematic similarity ensures that the airflow between the scale model and the aircraft has
the following properties:

1. The paths of homologous moving particles are geometrically similar (i.e. fluid streamlines are
similar) [4].

2. The ratios of the velocities of homologous particles are equal [4].

The motion of an object or particle is described by velocity and acceleration. The velocity and the
acceleration of an object are written in terms of distance and time. See equations 2.10 and 2.11 [4].

𝑉፦
𝑉ፚ
= 𝑙፦
𝑡፦
𝑡ፚ
𝑙ፚ
= 𝑛
𝑡፫

(2.10)

𝑎፦
𝑎ፚ

= 𝑙፦
𝑡፦ኼ

𝑡ፚኼ
𝑙ፚ

= 𝑛
𝑡፫ኼ

(2.11)

The velocity and the acceleration of an air particle are dependent on time and can, therefore, be used
to derive time ratio between the model and the aircraft. Rewriting equation 2.10 and the time ratio can
be expressed as follows:

𝑡፦
𝑡ፚ
= 𝑉ፚ
𝑉፦
𝑛 (2.12)

The time ratio of equation 2.12 has a direct impact on the duration of the movement between the scale
model and the full-scale aircraft. A scale model that is for example smaller than the full-scale aircraft
will, therefore, experience the duration of a movement to be shorter than a similar movement of the
full-scale aircraft. If it is an oscillating movement than the frequency of the movement is higher for
smaller scale model than for the full-scale aircraft.

Dynamic Similarity
Dynamic similarity is the similarity of forces. The similarity of forces between dynamic similar systems
means that the ratio of forces between the two dynamic similar system is fixed. This of course only
applicable if the forces are located at points that are similar for both systems. This similarity is shown
in equation 2.13.



6 2. Context and Thesis Goals

𝐹፦ᑡᑠᑚᑟᑥᐸ
𝐹ፚᑡᑠᑚᑟᑥᐸ

=
𝐹፦ᑡᑠᑚᑟᑥᐹ
𝐹ፚᑡᑠᑚᑟᑥᐹ

= 𝐹፦
𝐹ፚ

(2.13)

A particle in a flow may experience a lot of different forces with different causes for each force. Each
of these forces will provide a condition for achieving its own ’dynamic similitude’. The most significant
forces that are relevant for dynamically scaled flight testing are viscous, pressure and gravity forces.
The conditions for each of these forces are explained below. For the derivation of these conditions
please consult the following papers [3] and [4].

• Viscous force is the resistance of a fluid to flow. This viscous force is the result of the shear
stress or friction between the layers of a fluid flow. The parameter that describes this viscosity of
the fluid is the Reynolds number. For achieving similarity of viscous forces between the different
cases, the Reynolds number must be the same. The similarity condition for viscosity is given in
equation 2.14.

(𝑉𝑙𝜈 )፦
= (𝑉𝑙𝜈 )ፚ

→ 𝑅𝑒፦ = 𝑅𝑒ፚ (2.14)

Equation 2.14 can be rewritten to the Reynolds number ratio given in equation 2.15 and this ratio
must be equal to 1 for achieving similarity in viscous forces between the scale model and the
full-scale aircraft.

𝑅𝑒፦
𝑅𝑒ፚ

= 𝜈ፚ
𝜈፦
𝑉፦
𝑉ፚ
𝑛 (2.15)

Equation 2.15 shows us that a 1/10th scale model has Reynolds number that is ten times smaller
than the Reynolds number of the full-scale aircraft. The viscous effects are thus larger on the
scale model than on the full-scale aircraft. Satisfying the similarity condition for viscous forces
requires the scale model to be tested at a condition, where either the flight velocity of the scale
model is ten times higher, or the kinematic viscosity of the atmospheric test condition must be ten
times smaller or a combination of both.

• Pressure force in a fluid is a force that arises from different pressures in a flow field. Fluid
can be incompressible like liquids or compressible like gases. For incompressible fluids, the
parameter that is used for achieving the similarity of pressure forces is the Euler number. The
similarity condition for incompressible fluids is given in equation 2.16. The similarity condition for
compressible fluids can be derived by introducing equation 2.17. Combining equation 2.17 with
equation 2.16 and the similarity condition for compressible fluids can be derived. The similarity
condition for compressible fluids is given in equation 2.18.

( 𝑝
𝜌𝑉ኼ)፦

= ( 𝑝
𝜌𝑉ኼ)ፚ

→ 𝐸𝑢፦ = 𝐸𝑢ፚ (2.16)

𝑉ፒ = √𝛾𝑅𝑇 = √𝛾
𝑝
𝜌 (2.17)

( 𝑉𝑉ፒ
)
፦
= ( 𝑉𝑉ፒ

)
ፚ
→ 𝑀፦ = 𝑀ፚ (2.18)

Equation 2.18 can be rewritten to the Mach number ratio given in equation 2.19. This ratio must
be equal to 1 for achieving similarity in pressure forces between the scale model and the full-scale
aircraft.

𝑀፦
𝑀ፚ

= 𝑉፦
𝑉ፚ
𝑉ፒ,ፚ
𝑉ፒ,፦

(2.19)
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According to equation 2.19, a scale model flying at a lower velocity than the full-scale aircraft can
still satisfy the similarity condition for the pressure force of the compressible fluid. Satisfying this
similarity condition is achieved by lowering the test altitude of the scale model, hence lowering
the speed of sound.

• Gravity force is another force that is acting upon the flow of fluid particles. The parameter for
achieving the similarity condition for the gravity force is called the Froude number. Froude number
is the ratio of inertial forces to gravitational forces, see equation 2.20. The similarity condition for
the gravity force is given in equation 2.21 [3].

𝑚𝑎
𝑚𝑔 =

𝜌𝑙ኼ𝑉ኼ
𝜌𝑙ኽ𝑔 = 𝑉ኼ

𝑙𝑔 (2.20)

(𝑉
ኼ

𝑙𝑔 )፦
= (𝑉

ኼ

𝑙𝑔 )ፚ
→ 𝐹𝑟፦ = 𝐹𝑟ፚ (2.21)

Equation 2.21 can be rewritten to the Froude number ratio given in equation 2.22 and this ratio
must be equal to 1 for achieving similarity in gravity forces between the scale model and the
full-scale aircraft.

𝐹𝑟፦
𝐹𝑟ፚ

= 𝑔ፚ
𝑔፦

𝑉፦
𝑉ፚ

ኼ 1
𝑛 (2.22)

Equation 2.22 shows us that a 1/10th scale model has a Froude number that is ten times bigger
than the Froude number of the full-scale aircraft. The effect of a larger Froude number can be
explained by using the following example [3], where an aircraft is performing a banked turn at a
constant altitude as shown in figure 2.1. The bank angle of the aircraft is given in equation 2.23
and is defined as the inverse tangens of the centrifugal force divided by the aircraft weight.

tan (𝜙) = 𝐹
𝑊 (2.23)

Filling the formula of the centrifugal force and the aircraft weight into equation 2.23 gives us the
following equation for the bank angle:

tan (𝜙) = 𝑚𝑉ኼ
𝑅

1
𝑚𝑔

𝜙 = tanዅኻ ( 𝑉
ኼ

𝑔𝑅) (2.24)

Equation 2.24 shows that the bank angle is dependent on the Froude number. A 1/10th scale
model that has a higher Froude number than the full-scale aircraft requires a bigger bank angle
to perform a banked turn at constant altitude.

The above items all gives similarity conditions that are directly related to the forces that are acting upon
the fluid. Another important parameter for achieving similitude is the Strouhal number. Strouhal
number, or reduced frequency parameter, is used to establish similitude for the unsteady flow effects
caused by the oscillatory perturbations of the aircraft [2]. The periodic similitude condition for unsteady
flow effects is defined as follows [3]

(𝜔𝑙𝑉 )፦
= (𝜔𝑙𝑉 )ፚ

→ 𝑆𝑡𝑟፦ = 𝑆𝑡𝑟ፚ (2.25)
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Figure 2.1: Constant altitude banked turn

2.1.3. Scaling Principles
Accurate predictions of the performance of the full-scale aircraft require the model to satisfy a set
of similitude conditions. Table 2.1 shows the similitude conditions for designing the scale models.
These conditions are from a NASA technical paper [3], which derives the conditions from a dimensional
analysis of the relevant parameters for the forces and the moments. The result of the dimensional
analysis is fourteen dimensionless parameters that represent the requirements for static and dynamic
similitude between the model and the aircraft.

Table 2.1: Similitude conditions for designing scale models [2]

Airstream attitude relative to free stream 𝛼, 𝛽

Control deflection 𝛿

Mach number 𝑉/𝑉ፒ

Reynolds number 𝜌𝑉𝑙/𝜇 Static model

Reduced angular velocity Ω𝑙/𝑉 Rotary balance

Strouhal number 𝜔𝑙/𝑉 Forced oscillation

Reduced linear acceleration 𝑎𝑙/𝑉ኼ

Reduced angular acceleration Ω̇𝑙ኼ/𝑉ኼ

Froude number 𝑉ኼ/𝑙𝑔

Relative density factor 𝑚/𝜌𝑙ኽ

Relative mass moment of inertia 𝐼/𝜌𝑙 Dynamic model

Aero-elastic bending parameter 𝐸𝐼ᖣ/𝜌𝑉ኼ𝑙ኾ

Aero-elastic torsion parameter 𝐺𝐽ᖣ/𝜌𝑉ኼ𝑙ኾ

Reduced time parameter 𝑡𝑉/𝑙

Table 2.1 shows that accurate predictions of full-scale characteristics require correlation of many, some-
times conflicting, similitude parameters. This is especially true for dynamically scaled flight testing,
where the models are tested under atmospheric conditions. For dynamically scaled flight testing,
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Froude, Mach and Reynolds numbers are rarely satisfied simultaneously. Therefore one of the three
conditions is usually satisfied and the other conditions will be designed such that the discrepancy is as
small as possible. Three scaling principles are thus available for designing a dynamically scaled flight
test. The three scaling principle are Froude scaling, Mach scaling and Reynolds scaling. Froude scal-
ing and Mach scaling procedures are widely used for designing dynamically scaled models. Reynolds
scaling, however, is rarely used for designing dynamically models. The reasons for this will be ex-
plained below. The scale factors of the three scaling procedures are given in appendix A.

Froude Scaling
The Froude scaling procedure is often applied in designing the flight test when the airflow around the
scale model and the aircraft is assumed to be incompressible. Froude scaling preserves the kinematic
properties between the model and the full-scale aircraft by satisfying the Froude number similitude
requirement. Meeting the Froude number requirement ensures the similitude of the attitude angles
and the load factors between the scale model and the full-scale aircraft. Ensuring the similarity of
attitude angles and load factors allows the motion dynamics of the model to be properly correlated to
the full-scale aircraft.

Mach Scaling
Testing conditions involving compressibility effects are scaled according to Mach scaling procedure. In
Mach scaling, the compressibility effects between the model and the full-scale aircraft are the same
through the adherence of Mach number requirement. This scaling procedure is often preferred above
Froude scaling when the compressibility effects are expected to have a significant effect on the results.
The downside of Mach scaling (unless Froude number requirement is also matched) is that the lift
coefficient and hence the attitudes between the model and full-scale aircraft are not the same.

Reynolds Scaling
The advantage of Reynolds scaling is that the Reynolds number between the model and full-scale
aircraft is the same, which means that flow structure and its behaviour will be identical. The downside
of Reynolds scaling is the Mach and Froude number dissimilarity. According to table A.1, Froude and
Mach number scale factors increase when the model size is decreased.

The effect of Mach number dissimilarity is apparent. A smaller model will have a higher Mach
number than the full-scale aircraft and it will thus experience more compressibility effects than full-
scale aircraft. If the model scale is small enough then the model will experience supersonic. The other
downside of Reynolds scaling is the Froude number dissimilarity. The Froude number scaling factor
scales to the power of three on the model scale and the Froude number dissimilarity becomes very big
very quickly when the scale factor becomes smaller. The resulting effect is that the lift coefficient ratio
between the model and the aircraft will be very high.

Conclusion
Dynamically scaled flight testing is often designed according to the Froude or Mach scaling. Reynolds
scaling is seldom used to design dynamically scaled models, due to disadvantages mentioned above.
Froude scaling is often applied for flight conditions, where the aircraft is performing most of its ma-
noeuvres and that is during the take-off and landing phase. Mach scaling is often applied for the cruise
conditions of the aircraft, where the compressibility has a huge effect on the aircraft performance.
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2.2. Dynamically Scaled Flight Testing
Dynamically scaled flight testing is an actual flight test that uses dynamically scaled replicas of an
aircraft to predict the aerodynamics and the flight dynamics of the full-scale counterpart. These flight
tests are usually performed under atmospheric conditions by remotely flying the scaled models in the
air. The primary usage of dynamically scaled flight tests is for analysing the flight characteristics and
the handling qualities of the full-scale aircraft.

As shown in section 2.1.3, a dynamically scaled flight test must be designed according to one of
the scaling principles and these scaling principles are the Froude scaling, Mach scaling or Reynolds
scaling. The scaling principles provide the required atmospheric conditions for performing the dynam-
ically scaled flight test to satisfy a certain similitude condition. Each scaling principle will, therefore,
provide a different set of atmospheric test conditions since each scaling principle satisfies a different
set of similitude conditions.

The scaling principle that is often used for designing the dynamically scaled flight test is the Froude
scaling. Froude scaling is used because it ensures that the ratio of inertial forces to gravitational forces
is similar to both the scaled model and the full-scale aircraft. A similar ratio of inertial forces to gravita-
tional forces ensures that a certain manoeuvre like a 1g turn will take place at the same attitude angle
for the scaled model and the full-scale aircraft.

Link of thesis to dynamically scaled flight testing
This thesis is part of the project for designing an optimisation framework dynamically scaled flight test-
ing. This optimisation framework can be divided into three disciplines, which are the aerodynamics,
the flight mechanics and structures.

• Aerodynamics: A dynamically scaled flight test, that is scaled according to the Froude scaling
principle, will hence create a flight test that has a different Reynolds number and Mach number.
A different Reynolds number and Mach number will, therefore, decrease the accuracy of the
scaled model to predict the aerodynamic performance of the scaled model. This accuracy can be
increased by optimising the geometry of the model such as changing the curvature of the airfoil
to improve the lift curve slope.

• Flight mechanics: To ensure the similitude of the flight characteristics of the scale model and
the full-scale aircraft, one must satisfy the relative density factor and the relative mass moment
of inertia of table A.2. The relative density factor and the relative mass moment of inertia provide
the required mass and mass moment of inertia of the scale model for ensuring the similitude of
the flight characterises between the scale model and full-scale aircraft. The provided mass and
mass moment of inertia are only valid for a specific atmospheric test condition. A different test
condition means a different set of mass and mass moment of inertia. An optimisation process is
thus required to find a feasible mass distribution for the scale model that produces the required
mass and mass moment of inertia.

• Structures: The wing of an aircraft is not rigid, but it can bend upwards when the wing is loaded
with the lift force. A scale model with similar structure as the full-scale aircraft will have different
structural properties. The aeroelastic bending and torsion similitude parameters are given in table
A.2 must, therefore, be satisfied to ensure a similar bending and twisting behaviour between
the structure of scale model and the full-scale aircraft. The two similitude parameters give the
required bending and torsion stiffness of the structure to achieve a similar structural behaviour.
An optimisation process for the structural discipline is thus required to find a structure that gives
both the required bending and torsional stiffness.

The dynamically scaled flight testing project revolves around three disciplines, which were the aero-
dynamics, the flight dynamics and the structures. Each discipline requires an optimisation process
to increase the accuracy of the flight dynamics data of the scaled model. The work that has been
performed in this thesis will contribute to the aerodynamic optimisation framework of the project.

This thesis will focus on developing a parametric model that can be used for performing the aero-
dynamic optimisation of dynamically scaled models. An optimisation procedure requires a model that
can be changed easily by just changing a few parameters. A parametric modelling code that is properly
coded can also be used to create different aircraft configurations such as a conventional aircraft with
T-tail or a blended wing body aircraft.
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Aerodynamic solver
The scale models of dynamically scaled flight testing are scaled according to the Froude scaling princi-
ple, which ensures that Froude number between the scale model and the full-scale aircraft are similar.
Applying Froude scaling means dissimilarity in the Mach and Reynolds numbers between the scale
model and the full-scale aircraft. The effect of Mach number dissimilarity is neglected in this thesis
since most aircraft manoeuvres are performed during the take-off and landing phases of the flight en-
velope. The only issue remaining is the Reynolds number dissimilarity between the model and the
aircraft, where the Reynolds number of the scale model is lower than the Reynolds number of the full-
scale aircraft. Therefore the scale model will experience a lot more viscous effects that the full-scale
aircraft.

The aerodynamic solver that will be coupled to the parametric model must, therefore, have amethod
that is capable of predicting the viscous effects of the scale models. The aerodynamic solver that has
been chosen for computing the aerodynamic performance of the scale models is VSAERO. VSAERO
is a 3D panel method that uses potential flow model for computing the aerodynamic characteristics. It
is also capable of calculating the viscous effects by using an integral method for the boundary layer.
VSAERO is chosen due to its capability to compute viscous effects and it uses a first order panel method
for solving the aerodynamics. Since a simulation based on a first order potential based panel method
are very fast when compared to a simulation of a Computational Fluid Dynamics solver.

2.3. Control Surfaces Modelling Options
The main purpose of the dynamically scale flight testing is to predict the flight characteristics and han-
dling qualities of the full-scale aircraft by using the flight characteristics and the handling qualities of
the dynamically scaled model. Determining the flight characteristics requires the stability and control
derivatives to be determined first.

Calculating the control derivatives of an aircraft for determining the handling qualities of the aircraft
requires the modelling of the control surface deflection. The modelling of the control surfaces or move-
ables for a 3D panel method can be modelled in two ways, see figure 2.2. The first approach creates
a slotted moveable with two separate airfoils, one for the main wing and one for the moveable. The
second approach, on the other hand, creates one airfoil that contains the moveable and the wing, while
the deflection of the moveable is represented as a ’bent’ in the aft part of the airfoil.

Figure 2.2: Slotted moveables (left) and non-slotted moveables (right)[5].

Modelling the wing moveable as a slotted moveable is physically more accurate than modelling it as
a not-slotted moveable. The downside of the slotted moveable approach is that constructing such a
model for a first order panel method is more complex and requires more work than creating a model
for the not-slotted moveable approach. The complexity originates from the fact that a panel method
requires the wake of the wing to be defined beforehand. This means that the slotted approach requires
three wake lines to be modelled beforehand. Two wake line starts from the top and the bottom trailing
edge of the wing, while the third wake line is attached to the trailing edge of the moveable. Generating
the two wake lines of the wing adds additional complexity and it is because two wake lines from the
wing must be modelled around the curvature of the moveable. Senden[6] has used this method to
create a wing with a slotted flap for his research on the performance of an elliptical flap.

Themain advantage of the not-slotted approach is that the wing andmoveable forms one entity. This
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advantage requires only one wake to be attached to the wing-moveable combination and is, therefore,
a lot easier and less time consuming to develop a useable model than the slotted approach. The not-
slotted approach is therefore chosen for this thesis work. This approach is widely used and yields
good results as demonstrated by the following thesis works of van Ginneken[5], Grotenhuis[7] and
Arntzen[8].

Non-Slotted Modelling Options
There are many different options to create a wing with not-slotted moveables for aerodynamics solvers
that are based on the first order panel method. Three of these modelling options are being investigated
in this thesis work to find the most optimal modelling option. The three options are enumerated in the
list below:

• Normal rotation is a mathematical method in the aerodynamic solver VSAERO that allows the
user to rotate the normal vector of the moveable panels by only defining the rotation vector and
the deflection angle, see figure 2.3a.

• Transition surface is a method that physically models the moveable deflection. Deflecting the
moveable creates a discontinuity in the wing surface in the spanwise direction. This discontinuity
is smoothed out by creating a transition surface from the wing to the moveable, see figure 2.3b.

• Gap is a similar modelling method as the transition surface but instead of creating a transition
surface a gap is created between the wing and moveable, see figure 2.3c.

The main advantage of the ’normal rotation’ option is its simplicity. This option does not require any
steps to physically model the deflected moveable in the wing of the aircraft, which makes it very easy
to implement when compared to the two other options.

The ’transition surface’ and ’gap’ options require a lot more work to create the wing with moveables
when compared to the ’normal rotation’ option. The ’transition surface’ modelling option is the most
labour intensive option out of three modelling options. The models, created by the ’transition surface’
and the ’gap’ approach, is expected to produce a more accurate result than the ’normal rotation’ option
since these two options are geometrically more accurate.

The difference in the results between the ’transition surface’ and the ’gap’ options is expected to be

(a) Normal rotation option

(b) Transition surface option (c) Gap option

Figure 2.3: Moveable modelling options
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noticeable when the models are experiencing a side slip angle with its moveables deflected. An aircraft
in a side-slip experience different airflow over the right and the left wing. The extra vertical surfaces of
the transition surface method are expected to create different side forces on the right and left wing due
to asymmetrical flow over the wings.

2.4. Thesis Objective and Goals
This thesis is part of a project that focuses on developing an optimisation framework for dynamically
scaled flight testing. The optimization framework must design the scale model and the flight test such
that the performance of the scale model is representative to the full-scale aircraft. The similarity in
the performances between the scale model and the full-scale aircraft can be achieved by altering the
geometry, the mass distribution and the structure of the model, which are related to the aerodynamic,
flight dynamic and structures disciplines respectively.

This thesis contributes to the aerodynamics optimisation framework by focusing on the develop-
ment of a parametric model that is capable of deriving the stability and control derivatives. A para-
metric aircraft model is a model that defines a finite set of parameters for modelling the aircraft model.
A parametric model is needed since an optimisation process requires a model that can be changed
easily by varying the modelling parameters. Also, a properly designed parametric modelling code can
be used for creating different aircraft configurations like a blended wing body aircraft or T-tail aircraft.
The objective of this thesis can thus be defined as follows:

Create a generic parametric model of an aircraft with trailing edge moveables that is coupled with
a first order potential based panel method with an integral boundary layer method for deriving the
stability and control derivatives.

The research goals of the thesis are mostly related to the construction of an aircraft model for the
aerodynamic solvers that are based on a first order panel method like VSAERO. The most important
goal is how to model the trailing edge moveables for a first order panel method for deriving the control
derivatives. This thesis will investigate three methods for creating the moveables. The first option is a
mathematical operation in VSAERO that rotates the normal vectors of the body panels that represents
the moveable. The second option is creating a model with moveables that is not slotted and has tran-
sition surfaces in the spanwise direction. The third option is also a wing with not-slotted moveable but
without transition surfaces in the spanwise direction. The research goals are:

• Determine the best option out of the three proposed moveable options to model the moveables
of a wing for an aerodynamic solver that is based on the first order panel method.

• Compute the stability & control derivatives of the parametric model and investigate the accu-
racy of these derivatives.





3
Parametric Aircraft Tool

The Multi-Model Generator or MMG is an aircraft modelling tool that has been conceived by La Rocca
and others [9] in 2003. The original MMG was created on the ICAD design platform, which employs
knowledge based engineering or KBE method for modelling the aircraft.

The MMG models the aircraft on an abstract level, which it calls High Level Primitives or HLP. The
HLPs can be distinguished into four distinct categories, see figure 3.1. As shown in the figure the
wing trunk HLP can be used to create the main wing, horizontal tail, winglet etc. The MMG allows the
engineer to combine different HLPs to create its idea of the new aircraft such as a conventional aircraft
with a cruciform tail or an unconventional aircraft such as a blended wing body aircraft.

The primary function of the MMG is to adapt the geometric model that is being created with the
HLPs such that it results in a model that can be used for discipline-specific analysis tools such as
VSAERO(aerodynamic) and NASTRAN(structural).

Figure 3.1: The High Level Primitives. Example of the wing-trunk multiple instantiation in different aircraft configurations [10].

The original Multi-Model Generator was created on the ICAD platform, which was acquired by Dassault
Systemès in 2002. After the acquisition, the ICAD platform was taken off the market. Due to unavail-
ability of the ICAD platform, a new MMG tool was created by van den Berg[11], Koning[12] and van
Hoek [13]. The new MMG was created on a different KBE system named Genworks GDL. Genworks
GDL is a similar program as ICAD since both are KBE systems based on the LISP coding language.

The original idea of this thesis was to use the MMG that has been written on the Genworks GDL
platform, to create an aircraft model with moveables that can be exported to the aerodynamic solver
VSAERO. Since this version of the MMG tool was already capable of generating a wing with slotted
moveables and has a mesh application for meshing various aircraft models that have a clean wing.
This application was created by Abedian Kalkhoran[14]. The author has used this mesh application for

15
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the MMG tool and has concluded that this application was not working properly in the version GDL1588
of Genworks GDL. The application does not function properly because some operations involving the
geometry of the model produces results that were incorrect. Due to this bug and some other reasons
the author has decided to create another version of the MMG that runs on the ParaPy platform. The
reason for creating another version of the MMG was:

• There was some issues revolving around the robustness of the geometry models in Genworks
GDL version GDL1588, which could not be solved by the author.

• The mesh application of Abedian Kalkhoran[14] was constructed for wings without moveables.
Adapting the code to work with moveables was a daunting task and required a lot changes in
the structure of the mesh application. Luckily the ParaPy platform has a dedicated toolbox that
automates the meshing procedure for complex geometry models[15]. The user of this toolbox
only needs to define the rules that control the mesh settings of various parts of the geometry[15].
Using this toolbox will greatly reduce the development time of a new mesh application for the new
MMG tool on the ParaPy platform.

• ParaPy is a new KBE system that is built on the popular Python language[15]. Using ParaPy is
thus very easy and intuitive, while this not the case for Genworks GDL that uses the outdated
and hard to learn LISP language.

• The ParaPy platform has a unique feature that tracks all the individual edges and faces of a
geometrical model. This feature allows the user to easily extract a new edge or face from a
modified geometrical model by simply specifying the old edge or face and insert it into this feature.

3.1. Multi-Model Generator on Genworks GDL Platform
Themodules for generating the wing trunk and the fuselage trunk are the only High Level Primitives that
has been modelled in the Multi-Model Generator. The engine and the connection element modules are
still lacking in the MMG. The module that is responsible for modelling the wing trunk is called DARwing.
The fuselage, on the other hand, is modelled by the module called DARfuse.

The DARwing module is the code module in the MMG that is used for creating lifting surfaces of
the aircraft. The definition of the DARwing module is shown in the aircraft model tree of figure 3.2. The
DARwing module is capable of producing a clean wing or a multi-elements wing including the structural
components of the wing. The clean wings produced by the DARwing module can then be exported to
VSAERO for aerodynamic analysis. For more information about DARwing, consult the thesis work of
van den Berg[11] and Koning[12].

The fuselage of the MMG is modelled by DARfuse code module. DARfuse models the fuselage
by defining the cross sections of the fuselage. These cross sections are generated by using CST-
coefficients for defining the various cross sections of the fuselage. These cross sections are then sized
and positioned using four guiding rails that stretch from the nose to tail. The four rails are placed at top,
bottom, left and right of the fuselage. Besides the generation of the outer skin of the fuselage, DARfuse
is also capable of designing the cabin and performing a class II weight estimation analysis. For more
information about DARfuse then read the thesis of Brouwers[16].
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Figure 3.2: Aircraft object tree definition of the DARwing MMG[11] written on the Genworks GDL platform
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3.2. Multi-Model Generator on ParaPy Platform
The new MMG tool written on the ParaPy platform does not yet have all the functionalities of the old
MMG tool written on the Genworks GDL platform. Only some of the functionalities of the DARwing and
the DARfuse modules has been recreated in the new version of the MMG. The functionalities that have
been recreated are explained in the subsection below.

3.2.1. Clean Wing Generation
For this thesis, the module for generating the clean wings of the newMMG has been recreated by using
the old clean wing module of the old MMG as reference [11]. Other functionalities like generating the
multi-elements wing are not yet available in this new version of the MMG.

WingFromRails
1

1
1

1..*

1

1

GenerateWingRails CleanWingAirfoils SewnSolidAbstractWing

1

1

Figure 3.3: UML class diagram of the clean wing module

The structure of clean wing module is shown in the Unified Modelling Language diagram or UML-
diagram of figure 3.3. The clean wing model is generated in theWingFromRails class, which contains
four subclasses for modelling the components of the clean wing. The four subclasses represent the
four steps of the module for creating the clean wing model. These four steps are illustrated in figure
3.4. The first step is to generate the leading edge rail and the trailing edge rail of the clean wing. These

Figure 3.4: Clean wing generation procedure
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rails contain all the information of the clean wing such as the dihedral and the twist angles distributions
of the clean wing. The second step creates the airfoil curves of the clean wing model and these airfoil
curves are then positioned and orientated using the leading edge and trailing edge rails of step 1. The
positioned airfoil curves are used in step 3 for creating the wing trunk models by lofting the airfoil curves.
The last step is to collect the wing trunk models and sew it together into one model.

The procedures for creating the wing rails and the airfoil curves will not be explained in this thesis
since a good explanation can be found in the thesis of van den Berg [11]. Instead, the input parameters
for creating the clean wing will be explained in this remaining section.

Rails input parameters
The leading edge and trailing edge rails of the clean wing module is created from five curves, which
are the flat leading edge rail, flat trailing edge rail, dihedral rail, twist axis and the twist line. These five
curves are created from the five input parameters listed below:

• le_point_list is a list of XYZ-coordinates for creating the flat leading edge rail of the clean wing
model. A flat leading edge rail does not have any information about the dihedral and the twist
distributions of the clean wing. A flat leading edge rail is a two-dimensional curve in the XY-plane.

• te_point_list is a list of XYZ-coordinates for creating the flat trailing edge rail of the clean wing
model. A flat trailing edge rail does not have any information about the dihedral and the twist
distributions of the clean wing. A flat trailing edge rail is a two-dimensional curve in the XY-plane.

• dihedral_point_list is a list of XYZ-coordinates for creating the dihedral rail of the clean wing
model. The dihedral rail is a two-dimensional rail in the YZ-plane, where the Z-coordinate repre-
sents the local height of the wing at the spanwise location of the Y-coordinate. The dihedral rail
describes the dihedral distribution of the wing and it is used for applying the dihedral distribution
on the flat leading edge rail and the trailing edge rail.

• twist_axis_point_list is a list of XYZ-coordinates for creating the twist axis of the clean wing
model. This axis functions as the rotation axis for applying the twist distributions on the flat leading
edge rail and the flat leading edge rail.

• twist_points is a list of XYZ-coordinates for creating the twist line of the wingmodel. The twist line
is a two-dimensional curve in the YZ-plane, where the Z-coordinate represents the twist angles
of the wing in degrees at the spanwise location of the Y-coordinate. This line describes the twist
angle distribution of the wing and it is used for applying the twist distribution on the flat leading
edge rail and the flat trailing edge rail.

Airfoil curves input parameters
The airfoil curves of the clean wing are created and positioned using the following input parameters:

• airfoils is a list of strings. These strings indicate the file names of the text files that contains the
airfoil coordinates. The length of the airfoils input list determines the number of airfoil curves that
will be created.

• span_positions is a list of normalized Y-coordinates ranging from 0 to 1. These normalised
Y-coordinates determine the spanwise position of the airfoil curves.

• kink_indices is a list of integers, where each integer represents the index for the span_positions
input list. This index can be used to retrieve the spanwise position of the kink.

• airfoil_thickness is a list of thickness percentages for each airfoil curve. These percentages are
used for scaling the thickness of the airfoil curves.

• airfoil_cant is a list of strings. These strings are used for choosing the orientation options of the
airfoil curves when observed from above the wing. The available options for orienting the airfoil
curves are shown in figure 3.5.

• follow_dihedral is a list of 0 and 1. The 0 or 1 indicates the option for orientating the airfoil curves
when observed from the front. The orientation options are illustrated in figure 3.6.
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Figure 3.5: Options for the cant angle of an airfoil [11]

Figure 3.6: Options for the frontal orientation of an airfoil [11]

3.2.2. Fuselage Generation
The fuselagemodule for generating the fuselagemodel has been recreated by using the DARfusemod-
ule of the old MMG as reference [16]. Other functionalities such as modelling the structural components
of the fuselage are not yet available in this new version of the MMG.

CSTFuselage
1

1

1

1

1

1..n

GenerateFuselageRails CSTCrossSectionGenerator LoftedSolid

Figure 3.7: UML class diagram of the fuselage module

The structure of the fuselage module is shown in the UML-diagram of figure 3.7. The fuselage is
generated by the CSTFuselage class, which contains three subclasses for modelling the components
of the fuselage model. The three subclasses represent the three steps of the module for creating the
fuselage model. These steps are illustrated in figure 3.8. The first step of the modelling process is to
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create the four rails of the fuselage. These rails are used for scaling the fuselage cross section curves
of step 2. The second step of the modelling process is to generate the normalised cross sections curves
of the fuselage. The width of these normalised curves are scaled using the two green rails of figure
3.8 and the height of these normalised curves are scaled using the two yellow rails of figure 3.8. The
last step of the modelling process is to generate the fuselage model by making a loft from the fuselage
cross sections curves.

The procedures for creating the fuselage rails and the fuselage cross section curves will not be
explained in this thesis since a good explanation can be found in the thesis of Brouwers[16]. Instead,
the input parameters for creating the fuselage model will be explained in this remaining section.

Figure 3.8: Fuselage generation procedure

Rails input parameter
The two yellow rails of figure 3.8 are the top and belly curves of the fuselage. The top and belly curves
are two-dimensional curves in the XZ-plane. These curves are created as B-spline curves using the
following input parameters:

• top_extremes_points_list is a list of two points which are the start point and the end point of the
top fuselage curve.

• top_control_points_list is a list of XYZ-coordinates of the control points for the top fuselage
curve excluding the start and the end points.

• top_weights_list is a list of floats. These floats are the weights for the control points of the top
fuselage curve.

• belly_extremes_points_list is a list of two points, which are the start point and the end point of
the belly fuselage curve.

• belly_control_points_list is a list of XYZ-coordinates of the control points for the belly fuselage
curve excluding the start and end points.

• belly_weights_listis a list of floats. These floats are the weights for the control points of the belly
fuselage curve.

The two green rails of figure 3.8 are the left and the right side curves of the fuselage, which are called
the side fuselage curve and the mirrored side fuselage curve. The mirrored side fuselage curve is a
mirrored version of the side fuselage curve and it is mirrored in the XZ-plane. The side fuselage curve
is a three-dimensional curve and it is created from two B-spline curves. The two B-spline curves are
two dimensional, which is called the flat side curve and the side dip curve. The flat side curve is a flat
curve in the YZ-plane, while the side dip curve is a flat curve in the XZ-plane. The flat side curve is
a two-dimensional version of the three-dimensional side curve. The three-dimensional side curve is
created by projecting the flat side curve into a plane that is created by extruding side dip curve into the
direction of the global Y-axis. The two B-spline curves are created from the following input parameters:
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• side_extremes_points_list is a list of two points, which are the start point and the end point of
the flat side fuselage curve.

• side_control_points_list is a list of XYZ-coordinates of the control points for the flat side fuselage
curve excluding the start and end points.

• side_weights_list is a list of floats. These floats are the weights for the control points of the flat
side fuselage curve.

• side_dip_extremes_points_list is a list of two points, which are the start point and the end point
of the side dip fuselage curve.

• side_dip_control_points_list is a list of XYZ-coordinates of the control points for the side dip
fuselage curve excluding the start and end points.

Cross section curves input parameters
The cross-sectional curves of the fuselage are created by using the Class Shape Transformation
method or in short the CST method [17]. A good explanation of the CST-method with examples is
shown in the thesis of Brouwers[16]. The parameters for creating the fuselage cross sections are:

• long_location is a list X-coordinates indicating the X-positions of each fuselage cross section.
• N_up is a list of a list of two class function exponents for each fuselage cross section. The class
function exponents of this input list are used for creating the top fuselage curves of each fuselage
cross section.

• N_low is a list of a list of two class function exponents for each fuselage cross section. The class
function exponents of this input list are used for creating the bottom fuselage curves of each
fuselage cross section.

• A_up is a list of a list of scaling factors for each fuselage cross section. The scaling factors of
this input list are used for scaling the upper section of the fuselage cross section.

• A_low is a list of a list of scaling factors for each fuselage cross section. The scaling factors of
this input list are used for scaling the lower section of the fuselage cross section.



4
Moveable Modelling

This chapter informs the reader about the design of the modelling code to create the moveables for a
wing of an aircraft. The moveable modelling code is designed such that the wing with moveable model
is compatible with an aerodynamic solver that is based on a first order panel method like VSAERO.
There are many different options for creating a wing with moveable and three of these modelling options
were chosen in section 2.3. The three modelling options are:

• Normal rotation is a mathematical method in the aerodynamic solver VSAERO that allows the
user to rotate the normal vector of the moveable panels by only defining the rotation vector and
the deflection angle, see figure 2.3a.

• Transition surface is a method that physically models the moveable deflection. Deflecting the
moveable creates a discontinuity in the wing surface in the spanwise direction. This discontinuity
is smoothed out by creating a transition surface from the wing to the moveable, see figure 2.3b.

• Gap is a similar modelling method as the transition surface but instead of creating a transition
surface a gap is created between the wing and the moveable, see figure 2.3c.

The first section shows the structure of the code for generating the moveables of a wing. The second
section explains the input parameters for modelling the threemodelling options. The sizing procedure of
the moveables is explained in section 4.3. The modelling process of the moveables curves is explained
in section 4.4, while the last section describes the creation of the wing with moveable model.

4.1. Moveable Modelling Structure
The parametric aircraft modelling tool (Multi-Model Generator) uses an object-oriented approach for
creating the aircraft models as shown in chapter 3. It is thus logical to use the same approach to
design the code for modelling the wing with non-slotted moveables. Themain structure of the moveable
modelling tool for generating the three different moveable models is shown in the UML-diagram of figure
4.1. The UML-diagram shows that the main structure is the same for the three moveable modelling
options. The differences between the options are explained in sections 4.3, 4.4 and 4.5.

The top level class for generating the wing with moveables is theWingMoveablesFromRails class.
The WingMoveablesFromRails uses three subclasses for modelling the wing with moveables model.
These three subclasses are the WingFromRails class, the CutShapes class and the WingModelling-
NotSlotted class. The WingFromRails class is the class that generates the clean wing model. This
class is the same DARwing module of the old MMG that has been recreated on the ParaPy platform,
for more information see chapter 3.2. The function of the CutShapes class is to create the airfoil cross
sections of the moveable sides and to determine the position of the rotation/hinge points of the move-
able sides. TheWingModellingNotSlotted class, on the other hand, initiates the objects for creating the
moveables of the wing.

The modelling of the moveables starts by initiating n objects of theMoveableAirfoils class with n the
number of moveables. TheMoveableAirfoils class divides each airfoil cross section from theCutShapes
class into two sections. One section representing the airfoil curves of the wing and the other section
representing the movable curves. The MoveableAirfoils class will also model the deflected moveable
curves if required. Step two of the modelling process is performed by the SpanwiseSplitLines class.

23



24 4. Moveable Modelling

The SpanwiseSplitLines class divides the surface of the wing with moveables model into blocks that
contain the outline of the moveables. The blocking strategy of the SpanwiseSplitLines class is to create
the spanwise split curves for splitting the wing model. The last step is to create the physical model of
the wing with moveable and this step is executed by theWingSolid class.

WingMoveablesFromRails

1

1

1

1..*

1

1

1

1

1

3..*

1
1..*

WingFromRails CutShapes WingModellingNotSlotted

MoveableAirfoils SpanwiseSplitLines WingSolid

Figure 4.1: UML-diagram containing the main classes for modelling the wing with moveables

4.2. Input parameters
Creating a parametric wing model with moveables requires some parameters for modelling the move-
ables. The moveable of a wing is parametrised using the following input parameters:

• span_positions is a list of spanwise positions, that indicate the spanwise positions of the inboard
and the outboard hinge/rotation points of the moveable. The input values for spanwise positions
of the hinge/rotation points are percentages that are relative to the wing root with 0 for the root
and 1 for the tip.

• frontal_orientation input parameter is used to orient the side planes of the moveable ends as
shown in figure 4.2. Two options are available which are 𝑓𝑜𝑙𝑙𝑜𝑤_𝑑𝑖ℎ𝑒𝑟𝑎𝑙 and 𝑣𝑒𝑟𝑡𝑖𝑐𝑎𝑙. The
𝑓𝑜𝑙𝑙𝑜𝑤_𝑑𝑖ℎ𝑒𝑟𝑎𝑙 option positions the side plane such that it is perpendicular to the local dihedral
angle of the wing, while the 𝑣𝑒𝑟𝑡𝑖𝑐𝑎𝑙 option positions the side plane such that it is perpendicular
to the global y-axis. This input parameter is based on a similar parameter of the old MMG.

Figure 4.2: Moveable input: ፟፫፨፧፭ፚ፥_፨፫።፞፧፭ፚ፭።፨፧ [11]

• edge_cant orients the side edges of the moveable when viewed from the top of the wing, see
figure 4.3. Figure 4.3 shows the possible options to orient the side planes of the moveable edges.
The 𝑠𝑡𝑟𝑒𝑎𝑚𝑤𝑖𝑠𝑒 option orient the side plane such that it is perpendicular to the freestream direc-
tion of the air. The 𝑡𝑒_𝑝𝑒𝑟𝑝𝑒𝑛𝑑𝑖𝑐𝑢𝑙𝑎𝑟, 𝑙𝑒_𝑝𝑒𝑟𝑝𝑒𝑛𝑑𝑖𝑐𝑢𝑙𝑎𝑟 and 𝑡𝑤𝑖𝑠𝑡_𝑎𝑥𝑖𝑠 options on the other
hand orient the side plane such that they are perpendicular to the trailing edge, leading edge and
twist axis respectively. Also, the side plane can be oriented by indicating an angle. This angle is
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the angle between the side plane of the moveable and the global XZ-plane. This input parameter
is based on a similar parameter of the old MMG.

Figure 4.3: Moveable input: ፞፝፠፞_ፚ፧፭ [11]

Figure 4.4: Moveable input: ፡።፧፠፞_፡፨፫፝_፫ፚ፭።፨፬ and ፡።፧፠፞_፡፞።፠፡፭_፩፨፬።፭።፨፧

• hinge_chord_ratio is a list of normalised chord ratios, that determine the chordwise length of
the inboard and the outboard side of the moveable. The input parameter indicates the chordwise
position of the hinge/rotation point of the moveable with a ratio that is defined by the moveable
chord length 𝑥 divided by local chord length 𝑐፥፨ፚ፥, see figure 4.4. This ratio is then used to
determine the chordwise position of the hinge point starting from the trailing edge.

• hinge_height_position positions the hinge points of the moveable sides in the height direction
of the moveable cross-sections, see figure 4.4. This input parameter positions the hinge point
along the vertical line of figure 4.4, which can have a value ranging from -1 to 1. This hinge point
is positioned relative to local chord line with 0 value on the chord line. A value of 1 will position
the hinge point on the upper curve of the airfoil, while -1 will position the hinge point on the lower
curve of the airfoil.

• deflection_angles is a list of two deflection angles in degrees for modelling the deflected move-
able of a wing. The first angle is used for modelling the deflected moveable of the original wing
model, while the second angle is used for modelling the deflection moveable of a mirrored wing
model.

• deflection_limits is a list of two deflection angles, which represent the maximum deflection an-
gles of a moveable. The maximum deflection angles are used for determining the intersection
points of the maximum deflected moveable curves with the local airfoil curves of the moveable
sides, see figure 4.5. These intersection points are used to determine the trim points of the top
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and bottom airfoil curves of the moveable sides. The trim points are used for dividing the local
airfoil curve into a section representing the wing and a section representing the moveable.

• clearance_chordwise is the clearance distance in millimetres between the intersection points
and the trim points of figure 4.5. The chordwise clearance distance is used to determine the trim
points of the top and bottom airfoil curves of the moveable sides. The trim points are used for
dividing the local airfoil curve into a section representing the wing and a section representing the
moveable.

• clearance_spanwise indicates the minimal distance between a maximum deflected moveable
and the wing as shown in figure 4.6. This clearance distance is used for determining the cove
distance between the moveable and the wing. The cove distance is the clearance distance in
millimetres plus the additional distance caused by the deflection of the moveable.

Figure 4.5: Moveable input: ፝፞፟፥፞፭።፨፧_፥።፦።፭፬ and ፥፞ፚ፫ፚ፧፞_፡፨፫፝፰።፬፞

Figure 4.6: Moveable input: ፥፞ፚ፫ፚ፧፞_፬፩ፚ፧፰።፬፞
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4.3. Sizing
The purpose of the moveable sizing module is to produce the chordwise and the spanwise split curves
of figure 4.7 (green and red curves). This figure shows the split curves of the ’transition surface’ and the
’gap’ modelling options. The ’normal rotation’ modelling option only has the same split curves as the
other options but then without the green chordwise split curves of figure 4.7. These green split curves
are used for modelling the coves of the moveable. The chordwise and the spanwise split curves are
used for physically modelling the wing with moveable by dividing the surface of the clean wing model
into blocks that contain the outline of the moveable. For example, the split curves of figure 4.7 are used
to model the wing with moveable of figure 4.8. Figure 4.8 also shows some names that is often used
in this chapter.

Figure 4.7: Wing model showing the chordwise and the spanwise split curves for moveable sizing (’transition surface’ and ’gap’
options)

Figure 4.8: Meaning of names for moveable modelling (’gap’ modelling option)

The sizing process of the moveable is shown in the activity diagram of figure 4.9. The sizing process of
the moveable involves three classes, which are theCutShapes class,MoveableAirfoils class and Span-
wiseSplitLines class. The sizing process of the moveable starts with determining the spanwise position
and the chordwise position of the hinge points on the moveable ends. The chordwise hinge point (black
point) is the position of the hinge point on the local chord line (green line), see figure 4.10. The position of
this chordwise point is determined by using the 𝑠𝑝𝑎𝑛_𝑝𝑜𝑠𝑖𝑡𝑖𝑜𝑛𝑠 and ℎ𝑖𝑛𝑔𝑒_𝑐ℎ𝑜𝑟𝑑_𝑟𝑎𝑡𝑖𝑜𝑠 input param-
eters. After that the moveable side plane is oriented using the 𝑓𝑟𝑜𝑛𝑡𝑎𝑙_𝑜𝑟𝑖𝑒𝑛𝑡𝑎𝑡𝑖𝑜𝑛 and 𝑒𝑑𝑔𝑒_𝑐𝑎𝑛𝑡
input parameters, which is represented as the green square in figure 4.10. This side plane is then used
to create a vertical line (green line) that is perpendicular the local chord line and it is embedded in the
side plane. The position of the hinge point can finally be determined by moving the chordwise hinge
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point along the vertical line of figure 4.10 with the amount that is defined by ℎ𝑖𝑛𝑔𝑒_ℎ𝑒𝑖𝑔ℎ𝑡_𝑝𝑜𝑠𝑖𝑡𝑖𝑜𝑛.
The airfoil cross-section of the moveable end can then be retrieved by using the green side plane of
figure 4.10 as a cut plane to cut/intersect the clean wing model. The intersection of the cut plane and
the clean wing model will produce the red airfoil curve of figure 4.10.
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Figure 4.9: UML activity diagram for sizing a moveable
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Figure 4.10: Wireframe of wing showing hinge point and moveable curves of the inboard moveable end

The next step in the moveable sizing process is to determine the chordwise length of the moveable by
determining the two red trim points of figure 4.5. The derivation of the position of these trim points was
explained in section 4.2. The function of these trim points is to trim the chordwise cross-section of the
moveable into two sections. The front section will represent the local curve of the wing, while the aft
part represents the local curve of the moveable.

The sizing process needs to model the coves between the wing and the moveable if the moveable is
modelled according to the ’transition surface’ and ’gap’ options. A cove can be modelled by intersecting
the clean wing model with an additional cut plane shown in figure 4.11. Figure 4.11 shows both the
wing end cut-plane (green plane) and the moveable end cut-plane (red plane). The green cut plane
has the same orientation as the red cut plane and it is essentially the same plane, but it is repositioned
by moving the plane in the normal direction of the moveable cut plane with a distance specified by the
cove distance parameter. This cove distance parameter was explained in section 4.2.

Figure 4.11: Cut-planes of both the wing and moveable side of the inboard cove

The final step of the moveable sizing process is to create the spanwise split curves of figure 4.7. The
spanwise split curves of figure 4.7 between the red chordwise split curves are created by connecting
the inboard trim points with the outboard trim points of the moveable. The remaining spanwise split
curves are created by first creating some additional trim points on the green split curves and on the
chordwise edges of the wing solid. Figure 4.12 shows these additional trim points for the inboard side
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of the moveables as the blue points. These blue trim points are positioned on the curves such that it
has the same chordwise position (x/c) as the trim points of the moveable curves (black points). The
remaining spanwise split curves are then created by connecting these blue trim points with each other
and with trim points of the moveable.

Figure 4.12: Wireframe of wing showing the trim points

4.4. Deflected Moveable Curves Modelling
The deflected moveable models of the ’transition surface’ and the ’gap’ options are modelled by the
WingSolid class by creating a new bottom surface and a new top surface for the moveable. These sur-
faces are created by using the deflected moveable curves that represent the moveable cross sections
of the inboard side and the outboard side of the moveable. The modelling of the deflected moveable
curves is performed by theMoveableAirfoils class and this modelling process is illustrated by the activity
diagram of figure 4.13.

Deflect the airfoil 
cross section curves 

of the moveable 
ends

Determine the trim 
points for the 

deflected airfoil 
curves

Deflection 
angle and 

cross sections 
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Merge the transition 
curves and the 

trimmed airoil curves 
to create moveable 

curves

Moveable 
curves and 

rotated 
trailing edge

Rotate the trailing 
edge of moveable

Figure 4.13: UML activity diagram for modelling the deflected moveable curves

The modelling of the deflected moveable curves starts with rotating the airfoil cross sections of the
moveable sides. The next step of the modelling process is to determine the trim points for each airfoil
cross section of a moveable side. These trim points are the black points in figure 4.14. Figure 4.14
shows the undeflected cross section curves of the moveable as the black lines and the deflected cross
sections of moveable as the green lines. The figure also shows two red trim points 𝑤1 and 𝑤2. The
red trim points are the same red trim points as in figure 4.5, which are used for sizing the moveable.
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The deflected moveable curves are created by using the trim points 𝑚2 and 𝑚3 to trim the deflected
cross-section of the moveable.

Figure 4.14: Deflected and undeflected airfoil curves with trim points.
The trim point 𝑚2 is calculated by rotating point ℎ2 with the deflection angle around the hinge point. A
different method was used to derive the trim point𝑚3 since rotating the point ℎ1 around the hinge point
will result in the point 𝑚1, which is not usable for creating a transition curve between the red trim point
and black trim point. The trim point 𝑚3 is determined by first calculating the intersection point between
the black bottom curve and the green bottom curve, which is almost the same as point ℎ1. The next
step is to determine the distance 𝑠 between the intersection point and the trim point𝑤1. This distance is
then used to move the intersection point along the green bottom line toward the trailing edge to obtain
the trim point 𝑚3.

The final step in creating the deflected moveable curves is to create transition curves to connect the
trimmed deflected moveable curve with the trimmed curve of the wing section. Figure 4.15 shows the
transition curves as the yellow curve which connects the green moveable curves with the black curves
of the wing section. The transition curves are then merged with the trimmed deflected moveable curves
to create the deflected moveable curves.

Figure 4.15: Deflected moveable-airfoil curve with transition curve
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4.5. Wing with Moveable Model
The physical wing with moveable model is created by theWingSolid class and the process to generate
this model is shown in the activity diagram of figure 4.16.
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Figure 4.16: UML activity diagram for creating the physical wing with moveable model

The modelling process starts by splitting the clean wing model. The clean wing model is splitted by
using the chordwise and the spanwise split curves of the sizing process, see section 4.3. The result
of the splitting process is a wing model with an outline of a moveable that has a deflection angle of
zero. The modelling process of the wing with moveable model is finished if the moveable is modelled
according to the ”normal rotation” option. The wing with moveable model for the ’normal rotation’ option
is shown in figure 4.21.

If the deflected moveable is modelled according to the ’transition surface’ and the ’gap’ options then
the deflected moveable model needs to be created. The first step of modelling the deflected moveable
model is to create the bottom and top surfaces of the moveable, see figure 4.17. These surfaces
are created by using the deflected moveable curves of figure 4.15, the spanwise split curves of figure
4.7 and the rotated trailing edge of the moveable as a frame. The next step in creating the deflected
moveable model is to add some additional surfaces to the moveable faces of figure 4.17. Both the
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’transition surface’ and the ’gap’ options use the green chordwise split curves and small red spanwise
split curves of figure 4.7 to create the additional surfaces.

Figure 4.17: Moveable surface

The ’transition surface’ option uses these split curves to create four transition faces to close the gap
between the moveable and the wing, see figure 4.18. The ’gap’ option, on the other hand, uses these
split curves to create two quadrilateral faces and four triangular faces to close the gaps of the inboard
cove and the outboard cove, see figure 4.19.

Figure 4.18: Moveable shell for ’transition surface’ modelling option

Figure 4.19: Moveable shell for ’gap’ modelling option
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The next step in creating the wing with moveable deflection is to remove the moveable surfaces of the
splitted wing model that contains the moveable with zero deflection. The result of the removal is shown
in figure 4.20. The final step is to sew the moveable shells of figure 4.18 and 4.19 to the wing shell of
figure 4.20. The results of the sewing is shown in figures 4.22 and 4.23.

Figure 4.20: Wing shell without moveable

Figure 4.21: Wing with deflected moveable for ’normal rotation’ option

Figure 4.22: Wing with deflected moveable for ’transition surface’ option
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Figure 4.23: Wing with deflected moveable for ’gap’ option





5
Mesh Generation

The basicmodel of theMulti-Model Generator or MMGuses a boundary representationmethod or BRep
to represent the aircraft model. Connecting the MMG to the aerodynamic solver VSAERO requires the
discretization of the BRep model. The discretization of the model is necessary since VSAERO is a 3D
panel method and it requires a model that consist of squared and/or triangular panels.

The aircraft mesher consist of three modules, which are called the DARwingMesher, the DAR-
fuseMesher and the MMGmesher. DARwingMesher is a wing-moveable mesher that discretizes the
wing with moveables models into panels. The DARfuseMesher module on the other meshes the fuse-
lage. The MMGmesher is the mesher that is created for meshing the entire aircraft and this module
reuses the subclasses of the DARwingMesher and the DARfuseMesher modules.

The chapter starts by explaining the built-in mesher of ParaPy that has been used for created the
mesher.

5.1. ParaPy Built-In Mesher
The aircraft meshing module created during this thesis uses a built-in mesher tool of ParaPy to dis-
cretize the BRep model. This built-in mesher tool is a library of high-level, declarative classes in ParaPy
that wrap around low-level C++ kernel functionality in Salome [15]. The mesher tool uses a set of mesh-
ing algorithms and their corresponding conditions (hypotheses) to compute meshes on the boundaries
of the models. Meshing a BRep model requires three inputs and these inputs are:

• shape_to_mesh requires the shape that needs to be meshed. This shape can be a solid, a shell,
a face or an edge of a model.

• controls require inputs that define the rules for the mesh of the input shape. The rules that have
been used in this thesis for meshing the models are the edge controls and the face controls. Edge
controls define the number of mesh points on the edges, while the face controls define the mesh
type of the faces. There are two mesh types and these are structured mesh and unstructured
mesh. Besides these rules, there are plenty of other rules for defining the controls of a mesh,
such as edge controls that are based on characteristic length or controls based on a certain type
of distribution [15].

• groups input is used to create a link between the sub-grids of a mesh with the sub-shapes of
the input shape. Linking the sub-grids to the sub-shapes allows it the user to retrieve the mesh
information of the sub-shapes.

Figure 5.1 shows the meshing capability of the built-in mesher tool that has been used for creating
the aircraft mesher in this thesis. The figure shows a BRep of a box in ParaPy. The input for the
shape_to_mesh parameter is the box shape. The groups input is left empty for now. The controls
input is a list of the following settings:

• Quadrilateral panels on all the faces of the box
• Triangular panels on face3
• 11 equal distanced mesh points on edges e3, e4 and e5

37
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• 11 mesh points with full cosine distribution on edges e1, e2, e6 and e7
• 6 equal distanced mesh points on edges e8 and e9

Using these inputs a hybrid mesh of the box can be created. This mesh is shown in figure 5.2.

Figure 5.1: BRep of a box in ParaPy Figure 5.2: Hybrid mesh of a box in ParaPy

The unstructured mesher of this built-in mesher is very versatile and can mesh any BRep models.
The structured mesher, on the other hand, has some restrictions on the models. The most important
restriction is that the each face with a structured mesh must have four distinct sides. This means that
each of these faces must have four edges, where the start and end vectors of each edge are not parallel
to start and end vectors of the adjacent face edges.

More than four edges are allowed as long as there are four distinct sides, which means that two or
more edges must have C1-continuity. An example of a face that cannot be meshed with quadrilateral
panels is shown in figure 5.3. This face has five edges, but none of the edges has C1-continuity.
Figure 5.4 show the face with five edges that can be meshed with quadrilateral panels. This face has
five edges but the start vector of edge e2 is equal to the end vector of edge e1. The resulting mesh is
given in figure 5.5.

Figure 5.3: Face with 5 edges with no
parallel start and end vectors

Figure 5.4: Face with 5 edges with one
parallel start and end vectors

Figure 5.5: Mesh of face with 5 edges
with parallel start and end vectors
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5.2. Structure of Aircraft Mesher
The aircraft mesher tool and the VSAERO preprocessing tool are created such that it can mesh the
whole aircraft or it can be used on the component level such as meshing an isolated wing or an isolated
fuselage. To do this, three different classes were created and these classes are the DARwingMesher,
DARfuseMesher andMMGMesher. DARwingMesher is used for meshing the wing components, while
the DARfuseMesher is designed for meshing the fuselage component. Both mesher classes are then
combined to form the MMGMesher class for meshing the entire aircraft.

DARwingMesher or 
DARfuseMesher

WingMeshControls or 
FuselageMeshControls

salome.Mesh

VSAEROWingComponent or 
VSAEROFuselageComponent

WakeAssembly

VSAEROWriter
ManualWingMesher or 
ManualFuselageMesher

1

1

1

1

1

1

1

1

1

1

1

1

Figure 5.6: UML-diagram of the DARwingMesher class and the DARfuseMesher class

The UML-diagram of the wing and the fuselage meshers is displayed in figure 5.6. The wing and the
fuselage meshers are constructed in a similar fashion and has in total of six classes for performing
various tasks to model the wing and to process the mesh data for creating the VSAERO input file. The
WingMeshControls, salome.Mesh andManualWingMesher classes are responsible for discretizing the
wing component, while the FuselageMeshControls, salome.Mesh andManualFuselageMesher classes
are responsible for discretizing the fuselage component. The VSAEROWingComponent, VSAERO-
FuselageComponent,WakeAssembly and VSAEROWriter classes are responsible for processing the
mesh data and to create the input file for the aerodynamic solver VSAERO.

The meshing of the component starts with the WingMeshControls and the FuselageMeshControls
classes, which are responsible for defining the rules for the salome.Mesh class. The salome.Mesh class
uses the meshing rules to create the mesh of the wing or the fuselage by using the built-in mesher tool.
The salome.Mesh class is not capable of meshing all the faces of the wing or fuselage component.
These faces are the root, tip and cove faces of the wing component. The nose and the tail faces of
the fuselage component can also not be meshed by the built-in mesher tool. The root, tip, cove, nose
and tail faces are ”manually” meshed by the ManualWingMesher class or the ManualFuselageMesher
class.

After themeshing phase, themesh data needs to be processed so that it can be used for creating the
input file. The processing starts with the VSAEROWingComponent or the VSAEROFuselageCompo-
nent class, which divides the component into patches and arranges the mesh data of the salome.Mesh
class. The next step in creating the VSAERO input file is to model the wake of the component, which
is the responsibility of the WakeAssembly class. The last class in the chain is the VSAEROWriter.
The function of this class is to write the input file for VSAERO by using the preprocessed data of the
VSAEROWingComponent or VSAEROFuselageComponent class and theWakeAssembly class.

The aircraft mesher has a similar design as the wing and fuselage meshers and this similarity can
be observed in the UML-diagram of figure 5.7. The UML-diagram shows the aircraft mesher and it
combines the classes of both the wing mesher and the fuselage mesher for meshing the aircraft and
for creating the input file. The aircraft mesher has an additional class that is not present in the wing
and fuselage meshers. This class is the Patcher class if the mesh of two components does line up with
each other at the intersection between the two components. If the mesh of two components does not
line up with each other at the intersection between the two components then theIncongruentPatcher
class is used. The function of the Patcher and the IncongruentPatcher classes is to divide faces of the
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aircraft model into blocks that can be meshed by the built-in mesher tool for meshing the aircraft.
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Figure 5.7: UML-diagram of the MMGMesher class

5.3. Blocking Strategy
Figure 5.8 shows an aircraft model that is generated by the MMG. This model can be meshed if the
fuselage and the vertical tail are meshed with triangular panels since these components contain faces
that have more than four distinct sides. This means that a large part of the aircraft will have an un-
structured mesh. A fully unstructured mesh for the fuselage and the vertical tail are undesirable since
VSAERO requires a least a stroke of quadrilateral panels at the tail of the fuselage and at the trailing
edge of a wing for attaching the wakes on the aircraft model. Also, unstructured grid calculation usually
requires more computation time than a structured grid. The strategy to divide the aircraft model into
blocks will be explained in section 5.3.1. Section 5.3.2 will show the creation of the split curves to divide
the aircraft model into blocks.

Figure 5.8: Aircraft model before applying blocking strategy
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Figure 5.9: Mesh and analysis result of the work of Abedian for a conventional aircraft [14]
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5.3.1. Strategy
Attaching a wake to the trailing edge of a component requires at least a stroke of quadrilateral panels.
This problem of attaching the wake to the component can be solved if the mesh of the aircraft model
is completely structured with quadrilateral panels. Abedian [14] has created a blocking strategy that
divides the whole aircraft model into blocks. The result of this blocking strategy is shown in figure 5.9
for a conventional aircraft. The blocking strategy of Abedian to create a fully structured mesh for the
aircraft model is not reused in this thesis. Instead, a blocking strategy for creating a hybrid mesh is
used.

The first reason for not using the blocking strategy of Abedian is that his strategy will create a panel
distribution for the fuselage that has many different sizes. The different sizes of the panels are caused
by the dense distribution of mesh points around the leading edge of the wing. This dense distribution
is also needed for the fuselage mesh around the wing. This uneven distribution of the panels is not
effectively using the panels that are placed too close each other. The second reason for not using the
blocking strategy of Abedian is that it is more complex and requires a lot more steps to create a fully
structured mesh than the blocking strategy for creating a hybrid mesh. The complexity originates from
the fact that a fully structured approach require more split curves for splitting the fuselage than the
hybrid approach.

The aircraft mesher of the new MMG uses the blocking strategy that creates a hybrid mesh for the
fuselage component. This blocking strategy also creates a hybrid mesh for the wing component that
has been intersected by another wing component. This blocking strategy for the fuselage component
is shown in figure 5.10. This figure shows that an unstructured mesh will be created around the holes of
the main wing and an unstructured mesh will be created around the hole(s) of the tail of the aircraft. The
propagation of the dense mesh distribution around the leading edge of the wing to the rest of fuselage
is thus prevented by creating triangular panels around the holes. This blocking strategy is thus very
simple and requires the fuselage to be divided into five sections by only using the split curves that are
oriented in the width direction of the fuselage.

Figure 5.10: Hybrid mesh for fuselage component

Figures 5.11a and 5.11b shows the blocking strategy of the wing components with moveables. Figure
5.11a shows a wing component with no holes and this wing component is fully meshed with quadri-
lateral panels. Figure 5.11b shows the blocking strategy of the wing component with holes. The wing
component with holes is blocked such that the most of the faces of the wing are meshed with quadri-
lateral panels. Only the faces in front of the leading edge of the wing holes are meshed with triangular
panels. The reason for creating an unstructured mesh on these faces is that a structured mesh on these
faces will have a curved panel distribution. This curved panel distribution is caused by the curvature
of the leading edge of the wing hole. The reason for not applying the same blocking strategy as the
fuselage component is that the blocking strategy of the fuselage component will create an unstructured
mesh over the most part of the wing surface. The panel distribution in the chordwise direction cannot
be controlled for the faces that are meshed with triangular panels.

An additional blocking strategy has been implemented in the aircraft mesher tool. This additional
strategy removes all the holes of the components and meshes all the components of the aircraft sep-
arately. The advantage of this strategy is it does not require any split curves to create faces that are
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suitable for creating structured meshes. It only needs split curves for stitching the wake lines to other
components of the aircraft. This strategy will create an aircraft mesh, where the mesh of the wing does
not line up with the mesh of the fuselage. This mesh will be referred as incongruent mesh in this thesis.

(a) Structured mesh for wing component without holes (b) Hybrid mesh for wing component with holes

Figure 5.11: Blocking strategy for wing component

5.3.2. Split Curves
The split curves are the curves created to split the faces of an aircraft component into blocks so that
it can be meshed by the built-in mesher tool with quadrilateral panels. Also, some split curves are
created for attaching root wake lines of the wing components such as on the fuselage to attach root
wake line of the main wing.

Fuselage split curves
The blocking strategy of the fuselage component divides the fuselage into five sections as shown in
figure 5.10. The fuselage component is divided by using the lateral split curves of figure 5.12 to split
the faces of the fuselage. The sections containing the holes of the wings will be meshed with triangular
panels, while the remaining the sections will be meshed with quadrilateral panels. Each section, which
has holes in it, requires two lateral split curves to create the section. A conventional aircraft will have
in total four lateral split curves. Two split curves for the section that has the holes of the main wing and
two split curves for the section that has the hole(s) of the tail of the aircraft, see figure 5.12.

Figure 5.12: Longitudinal and Lateral split curves for congruent mesh

The lateral split curves are closed curves and these curves are created by using the isolines of the fuse-
lage face. The x-coordinates of the split curves are determined by first collecting the root leading edge
points and the root trailing edges points of all the wing holes of a fuselage section. The x-coordinate of
the trailing edge split curve is determined by the largest x-coordinate of all the root trailing edge points.
The x-coordinate of the leading edge split curve, however, is computed by first determining the smallest
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x-coordinate of all the root leading edge points. The next step is to determine the offset distance that
will be subtracted from the smallest x-coordinate of the leading edge points. This offset distance is
computed by taking the smallest chord length of the wing holes and multiply it with fraction_cut_plane
input parameter. The x-coordinate of the leading edge split curve is then computed by subtracting the
offset distance from the smallest x-coordinate of the leading edge points.

The longitudinal split curves are created for stitching the root wake lines of the wing components.
Figure 5.12 shows these curves as red lines and these curves start at trailing edge of the wing compo-
nent and stops at trailing edge of the fuselage. Each wing component that is attached to the fuselage
has its own longitudinal split curve for stitching its root wake line. The longitudinal split curves are
created by using the isolines of the fuselage face.

The second blocking strategy that meshes all the aircraft components separately also requires lon-
gitudinal split curves for stitching the root wake lines of the wing components. These longitudinal split
curves are created by following the same creation procedure as the longitudinal split for the hybrid
mesh strategy. The difference is that the longitudinal split curves are extended. Instead of starting at
the trailing edge points of the wing components, the longitudinal split curves will start at the nose of the
fuselage, see figure 5.13. Moving the starting points of the longitudinal split curves to the nose of the
fuselage will create split curves that span the entire length of the fuselage. These split curves can then
be used to divide the fuselage face into faces that have four distinct sides. These splitted faces with
four distinct sides can be meshed by the built-in mesher tool.

Figure 5.13: Longitudinal split curves for wake stitching for incongruent mesh

Wing split curves
The split curves for a wing component will only be created if the wing component has a hole that is
created by an intersection with another wing components. This means that the wing component of
figure 5.11a does not have any split curves, while the wing of figure 5.11b does contain split curves.
The split curves of the wing of figure 5.11b is shown in figure 5.14 as yellow curves. The red points
represent the root mesh points of a wing component that is attached to this wing. Three sets of spanwise
and chordwise split curves are thus required for splitting one side of the wing surface. Two sets of the
split curves are located around the leading edge of the wing hole, while one set of split curves are
located on the trailing edge of wing hole.

The chordwise and the spanwise split curves at the leading edge are created such that it always
starts at one of the red mesh points of figure 5.14. The starting mesh points of the leading edge split
curves are determined by the no_split_point input settings. The no_split_point input parameter gives
a number, which says that nth mesh point from the leading edge point shall be chosen for creating the
chordwise and spanwise split curves at the leading edge. On the other hand, the start point for the
trailing edge split curves is always fixed and this start point is the trailing edge mesh point of the wing
hole.

The spanwise split curves of figure 5.14 are created such that it always follows the spanwise isoline
of the wing faces. The spanwise split curves start at one of the mesh points of the wing hole. The
inboard split curves will end at the root of the wing component, while the outboard split curves will end
at the tip of the wing component.

The chordwise split curves of figure 5.14 start at one of the mesh points of the wing hole. The
leading edge split curves will end at a point on the leading edge of the wing, while the trailing edge
split curves will end at a point on the trailing edge of the wing. The end point of each chordwise split
curve must coincide with the end point of a similar split curve on the opposite side of the wing. The
end points of the two similar split curves are synchronised by averaging the chordwise isolines that go
through the start points of the split curves.
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Figure 5.14: Chordwise and spanwise split curves for a congruent mesh

The second blocking strategy that meshes all the aircraft components separately also requires chord-
wise split curves for stitching the root wake lines of the wing components that are attached to this wing.
The same wing component of figure 5.14 is shown in figure 5.15 but without the wing hole of the other
wing component. Figure 5.15 shows a red point, which represents the root trailing edge point of figure
5.14 for the wing component that is attached to this side of the wing. The red trailing edge point will be
used to create a chordwise split curve that spans the entire chordwise length of the wing surface and
this curve follows the chordwise isolines of the wing surface. This split curve spans the entire chordwise

Figure 5.15: Chordwise split curves for wake stitching for incongruent mesh
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length because this split curve is used to divide some of the wing faces into several faces that have
four distinct sides. These splitted faces with four distinct sides can be meshed by the built-in mesher
tool. The chordwise split curve will be used for stitching the root wake line of the wing component that
is attached to this wing component.

5.4. Controls
The WingMeshControls and FuselageMeshControls classes define the rules for creating the mesh of
the aircraft model. TheWingMeshControls is used for defining the rules of the wing component, while
the FuselageMeshControls is used for defining the rules of the fuselage component. Those rules are,
for example, to determine the number of mesh points and its distribution on all the edges of the wing
component or the fuselage component. Another rule is to determine the faces that are meshed with
quadrilateral panels and the faces that are meshed with triangular panels.

5.4.1. Wing Controls
The wing with moveable model of figure 5.11a has a fully structured mesh and it has no holes on its
surface. The first meshing rule for this wing model is that all the faces should meshed with quadrilateral
panels. A structuredmesh requires that the opposite edges of the mesh faces to have the same number
of mesh points. The same number of mesh points on the opposite edge are required to create a mesh
with only quadrilateral panels. It is thus very important to find the chains of opposite edges in both the
chordwise and the spanwise directions of the wing. Figure 5.16 shows the edge chains for the wing
with moveable model of figure 5.11a. The top image shows all edges of wing model, while the middle
image shows the edge chains of the model that contains the chordwise edges of the model. The bottom

Figure 5.16: Chordwise and spanwise edge chains of a wing with moveable model
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image shows the edge chains of the model that contains the spanwise edges of the model. Each chain
in figure 5.16 is represented by a different colour.

The chordwise and spanwise chains of figure 5.16 are used to create rules that define the number
of mesh points and its distribution on the edges of the wing model. The mesh points distribution of
each chordwise chain are distributed according to the full-cosine distribution. A full-cosine distribution
is desired since a full-cosine distribution will place more mesh points at the start and at the end of the
chordwise edges. The start and the end part of the chordwise edges represent most of the time the
trailing edge or the leading edge or the deflected curvature of a moveable. The mesh points of the
spanwise chains are distributed evenly along the length of the edges. The number of mesh points on
the edge chains is determined by the follow input parameters.

• no_chordwise_pts determines the number of mesh points on the chordwise edge chains that
do not contain the moveable edges.

• no_chordwise_pts_aft determines the number of mesh points on the chordwise edge chains
that do contain the moveable edges.

• spanwise_pitch specifies the distance in millimetres between the consecutive mesh points of
the spanwise edge chains. The length of the longest edge of each chain is used for determining
the number of mesh points.

• spanwise_pitch_trunks is a list of spanwise_pitch for each wing trunk. These pitch values will
override the global spanwise_pitch value

A wing with holes on its surface uses a different method for determining the number of mesh points and
for determining the distribution of mesh points on the edge chains. Figure 5.17 shows the chordwise
and spanwise chains of a wing surface with a hole. The left image shows all the edges of the wing
component, while the middle image shows the chordwise chains. The right image shows the spanwise
chains of the wing with moveable component. The intersection/hole edges impose a requirement on the
number of mesh points on the chordwise chains. To be able to create a structured mesh, the number
of mesh points on the chordwise chains must have the same number as the number mesh points on
the intersection edges. The mesh points on the intersection edges represent the root mesh points of
another wing component that is attached to this wing component. So the number of mesh points and
the distribution of the mesh points for the red, blue, orange and green chordwise chains of figure 5.17
are derived from the intersection edges.

Figure 5.17: Chordwise and spanwise edge chains of a wing with a moveable and has holes on the wing surface

The yellow chordwise chain of figure 5.17 is not dependent on the intersection curves since the start
and the end edges of this chain are not located on a wing face that has the intersection edges. Two
of the chordwise edges in this chain are located on a face that contains the intersection edges, but the
intersection edges are not located on the opposite side of the chordwise edges. The yellow chordwise
chain of figure 5.17 has thus the freedom to determine the number of mesh points on the edges of the
chain. The number of mesh points on the edges of this chain is determined by the chordwise_pitch
input parameter. The chordwise_pitch input parameter specifies the distance in millimetres between
two consecutive mesh point of the longest edge in the chordwise chain.

The determination of the number of mesh points on the spanwise edges chains is the same as for
the wing with no holes, except for spanwise chain/edge shown in black, see figure 5.17. The number
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of mesh point on this chain/edge is determined by the spanwise_pitch_tri input parameter. This edge
gets a different input parameter because the face that is enclosed by this edge and chordwise split
edges will be meshed with triangular panels. This enclosed face is shown in figure 5.11b as the green
face of the wing. A smaller spanwise pitch for the black spanwise chain/edge will produce a more
consistent unstructured mesh than using the same spanwise pitch as for the other spanwise chains.
The max size of the triangular panels for the unstructured mesh is determined by the tri_max_pitch
input parameter. This parameter limits the sizes of the triangular panels of the unstructured mesh and
an increase in the value of this parameters causes the triangular panels of the unstructured mesh to
become larger. A large panel means fewer panels and fewer panels means the curvature of the wing
surface is modelled less accurately.

Another job of theWingMeshControls class is to create the rules that link the sub-grids of the aircraft
mesh with the sub-shapes of the aircraft model. Linking the sub-grids to the sub-shapes is very useful
for retrieving the mesh data of the sub-shapes. These rules are stored in the parameters that contain
the word groups. These ”groups” are:

• groups_face_pairs links the bottom and top faces of the wing to the sub-grids. These groups are
used for creating the bottom and top wing patches of VSAERO.

• groups_root_edges links the root edges to the sub-grids. These groups are used for creating the
mesh of the root face ”manually”.

• groups_tip_edges links the tip edges to the sub-grids. These groups are used for creating the
mesh of the tip face ”manually”.

• groups_cove_edges links the cove edges to the sub-grids. These groups are used for creating
the mesh of the cove faces ”manually”.

• groups_gap_edges links the gap edges to the sub-grids. These groups are used for creating the
mesh of the gap faces ”manually”.

5.4.2. Fuselage Controls
The mesh of a fuselage component is a combination of structured and unstructured mesh as shown
in figure 5.10. The faces, which contains the wing holes, are meshed with triangular panels, while the
remaining faces are meshed with quadrilateral panels. For an isolated fuselage without any wings, the
mesh of the fuselage will be a structured mesh without any triangular panels.

A structured mesh requires that the opposite edges of the mesh faces to have the same number of
mesh points. The same number of mesh points on the opposite edge are required to create a mesh
with only quadrilateral panels. For the fuselage, two kinds of chains are defined and these chains are
the lateral chains and the longitudinal chains. The chains of the fuselage component are shown in
figure 5.18. The top image shows all the edges of the fuselage component, while the middle image
shows the lateral edge chains of the fuselage. The bottom image shows the longitudinal chains of the
fuselage component.

All the input parameters that determine the number of mesh elements on the fuselage mesh are
enumerated below.

• tri_max_pitch specifies the maximum size of the triangular panels of the unstructured mesh.
This parameter limits the sizes of the triangular panels of the unstructured mesh and an increase
in the value of this parameters causes the triangular panels of the unstructured mesh to become
larger. A large panel means fewer panels and fewer panels means the curvature of the fuselage
surface is modelled less accurately.

• longitudinal_pitch gives the maximum allowed distance in millimetres between two consecutive
mesh points of the longitudinal edge chains. The longest edge in the chain will be used for
determining the number of mesh points.

• lateral_pitch gives the maximum allowed distance in millimetres between two consecutive mesh
points for the fuselage cross-section edges that is the longest in terms of the circumferential
length. The cross section edges is a list of lateral edges that represents a cross-section of the
fuselage. The resulting number of mesh points will then be used for deriving the number of mesh
points for each lateral edge chain.

The number of mesh points of a lateral chain is determined by identifying the longest edge in the chain.
The longest edge is used to determine the circumferential length of the fuselage cross-section to which
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this edge belongs to. The circumferential length is then used for determining the pitch of the lateral
chain by dividing this length with the number of mesh points of the longest fuselage cross-section.

The pitch of the lateral_pitch input parameter is not used for determining the number of mesh point
of each lateral chains. The reason is that the edges of the lateral chains at the tail of the fuselage has
lengths that are very small when compared to the lengths of the edges of the lateral chain at the centre
of the fuselage. This unequal length will produce a mesh that has very few panels at the tail of the
fuselage, while there are a lot of panels at the centre of the fuselage.

Figure 5.18: Longitudinal and lateral edge chains of a fuselage component

5.5. Mesh Results
Themesh.salome class uses the built-inmesher tool tomesh the aircraft model. The rules for controlling
the mesh of the models are extracted from theWingMeshControls class and/or the FuselageMeshCon-
trols class. Below a few examples of the mesh results for different aircraft models.

Figure 5.19 shows the mesh result of an isolated fuselage without wings. The figure shows a fully
structured mesh for the fuselage.

Figure 5.19: Mesh of an isolated fuselage without wings

Figure 5.20 shows a mesh of a wing that has three moveables. The moveables are modelled by using
the ’transition surface’ option. This wing has a mesh that is fully structured.
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Figure 5.20: Mesh of a wing with moveables modelled by using the ’transition surface’ option

Figure 5.21 shows the mesh of a conventional T-tail aircraft that has two moveables on each wing. The
moveables are modelled by using the ’gap’ option. The mesh of the conventional aircraft is a hybrid
mesh. The unstructured mesh is shown at the fuselage sections, where the wings of the aircraft are
attached to it. The unstructured mesh at the vertical tail is shown in figure 5.22. Figure 5.23 shows
the mesh at the gap between the moveable and the wing. This figure shows the cove faces are not
meshed. These faces could not be meshed by the built-in mesher tool because these faces have only
three distinct sides. These faces are meshed ”manually”.

Figure 5.21: Mesh of a Fokker100 with moveables modelled by using the ’gap’ option
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Figure 5.22: Mesh of the T-tail of figure 5.21 Figure 5.23: Mesh of wing at the moveable gap
of the left wing of figure 5.21

Figure 5.24 shows the mesh of a blended body aircraft that has two moveables on each wing. The
moveables are modelled by using the ’transition surface’ option. The mesh of the blended body aircraft
is a fully structured mesh.

Figure 5.24: Mesh of a blended wing body aircraft with moveables modelled by using the ’transition surface’ option
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5.6. Manual Mesh Generation
The built-in mesher tool cannot mesh all the faces of the aircraft with quadrilateral panels, because
there are faces on the aircraft that have less than four distinct sides. These faces, however, can be
meshed such that it has a structured mesh. These faces are for example the root face, tip face, gap
faces and cove faces of a wing component as shown in figure 5.25. Beside those faces the nose face
and tail face of the fuselage component can also be meshed such that they have a structured mesh.
The root face, tip face, gap faces, cove faces, nose face and the tail faces will thus be ”manually”
meshed such that they have a structured mesh. The reason for choosing a structured mesh instead of
an unstructured triangular mesh is that an unstructured mesh in VSAERO requires more computation
time than a structured mesh.

Figure 5.25: Root, tip, cove and gap faces of a wing component

The mesh for the nose, root and cove faces are shown in figure 5.26. The black plus signs are the
mesh points that has been generated by the built-in mesher tool. These mesh points are retrieved from
the mesh grid by using the red and green edges of the nose, root and cove faces. These mesh points
(black plus sign) are used to derive the intermediate mesh points given as the yellow plus signs. These
intermediate mesh points and the mesh point from the mesh grid must be collected and sorted into one
array of mesh points. The procedure for creating this array of mesh points for the nose, root and cove
faces can be explained using figure 5.26.

The creation of the array of mesh points starts by retrieving the mesh points of ’edge 1’ and ’edge
2’. The mesh points are retrieved by making use of the groups attributes that has been mentioned in
section 5.4. The retrieved mesh nodes of each edge are then sorted such that the mesh nodes of both
the ’edge 1’ and ’edge 2’ start at the same side of the face and progress in the same direction to the
other side of the face. For the nose mesh, the ’edge 1’ does not exist. So instead of ’edge 1’ three
mesh points are created at the centre point of the nose face.

The sorted nodes are then used to determine the mesh points between ’edge 1’ and ’edge 2’ of the
face. The position of these computed mesh points is determined by first connecting the retrieved mesh
points of ’edge 1’ with the retrievedmesh points of ’edge 2’. These connections are represented in figure
5.26 as black lines that connect mesh points of ’edge 1’ with the mesh points of ’edge 2’. Depending
on the settings n numbers of equal distanced mesh points are generated on these black lines, these
mesh points are the yellow computed mesh points of figure 5.26. The n number is determined by
the no_intermediate_pts input parameter. These computed points are then collected and they are
combined with the retrieved mesh points to create the arrays of mesh points for the nose, root and
cove faces.
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Figure 5.26: Nose, root and cove mesh

5.7. Mesh Processing
The mesh grid of the aircraft, which is being generated by the built-in mesher tool, needs to be pro-
cessed first. After the processing, the mesh data can then be used to generate the panel model for
the aerodynamic solver VSAERO. VSAERO requires each component of the aircraft model to be di-
vided into patches with each patch representing one or multiple wing or fuselage faces. The shape of
each patch must be defined such that there are no large kink angles of around 90 degrees present.
A patching strategy that is recommended by Nathman[18] for a slotted wing is shown in figure 5.27.
He recommends that the wing should be divided into three patches instead of one patch for the whole
wing.

Figure 5.27: Shape of structured patches [18]
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The patching strategy of Nathman combines all the faces that can be linked to each other in the chord-
wise direction while avoiding the very large kink angles as illustrated by figure 5.27. Figure 5.28 shows
this patching strategy for a wing component that has a moveable with gaps between the wing and the
moveable in the spanwise direction. This strategy will produce five patches for the top surface. The
patching strategy that has been implemented in the aircraft mesher tool is different than the one that
is proposed by Nathman. The patching strategy that has been implemented in the aircraft mesher
tool is shown in figure 5.29. This patching strategy combines all the faces that can be linked to each
other in the spanwise direction. This strategy will produce four patches for the top surface. The reason
for choosing the strategy that combines the faces in the spanwise direction is that it produces fewer
patches than the other patching strategy.

Figure 5.28: Chordwise patching strategy Figure 5.29: Spanwise patching strategy

The patching strategy for the fuselage component is very simple. The fuselage of a conventional aircraft
is divided into section five sections as shown in figure 5.10. The figure shows the different sections of
the fuselage that have a structured mesh and sections that have an unstructured mesh. Each section
of the fuselage depicted in this figure also represents a patch for the fuselage component. The patching
strategy of the fuselage is thus that each consecutive cross-sections of the fuselage will form a patch.

After the definition of the patches for the wing and the fuselage components, the array of mesh
points representing the patch needs to be created. The creation of the array of mesh points of the
patch is performed by the VSAEROPatchContainer class. The VSAEROPatchContainer class starts
by extracting the mesh points of the input faces that represent the patch. The mesh points of each
face are then sorted. The sorted mesh points of each array are then collected and the collected arrays
are put into a list. The arrays in this list are then merged with each other to form one single array of
mesh points. The sorting and merging step is skipped if the mesh points are from the manual mesh or
if the mesh is unstructured. The mesh points of the manual mesh do not require sorting because they
were already sorted when they were created ”manually”. The mesh points of a unstructured mesh do
not need sorting because an unstructured patch does not require the mesh points to be ordered in a
specific arrangement.

Another function of the VSAEROPatchContainer class is to search if there are moveable faces
present in the input faces. If there are moveable faces present in the input faces and the moveable of
the model is created according to the ’normal rotation’ option then the following steps are taken.

• Identify the row and column numbers of the patch that forms the moveable.
• Create four attributes stating the start and end numbers of the rows and columns of the patch.
• Extract the hinge/rotation line vector from the moveable modelling tool and use this as input for
the rotation vector.

• Extract the deflection angle from the inputs

These steps creates the required attributes for writing the inputs to rotate the moveable panels in
VSAERO.
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5.8. Wake Assembly
The wake model of the aircraft consists of multiple wakes, where each component of the aircraft has
its own wake model. A wake model for an aircraft component in VSAERO is described by a set wake
lines that are aligned with the local flow direction. Figure 5.30 shows these wake lines for a wake of a
wing component. In VSAERO the wake panels are created by intersecting the wake lines of the wing
component with the wake grid planes that are parallel to global YZ-plane. These wake grid planes
are used to distribute the wake panels in the flow direction. These planes are defined once and this
means that the wakes of all the aircraft components use the same set of wake grid planes to define the
distribution of the wake panels in the flow direction.

Figure 5.30: Wake grid planes[18]

The wake grid planes are infinite planes and they are parallel to global YZ-plane. The only variable
that remains for creating the wake grid planes are the x-coordinates of all the wake grid planes. The
spacing between the x-coordinates of the different wake grid panels should be small at positions, where
there are intense vortex roll-up. The x-coordinates of the wake grid planes are determined as follows:

• Collect the root trailing edge x-coordinates of all the wing components that are not mirrored thus
excluding the right wings of the aircraft model. Also, the x-coordinate of the aft-most point of the
fuselage component is added to the list of x-coordinates, which is called ”fixed stations”.

• Add another x-coordinate to the ”fixed stations” list. This x-coordinate has the value of the largest
x-coordinate of the ”fixed stations” list plus the wingspan of the aircraft.

• The number of wake planes between the x-coordinates of the ”fixed stations” list is determined
by the N input setting. The N number of wake planes between each pair of ”fixed stations” are
distributed according to the cosine distribution.

• After the last ”fixed station” additional wake grid planes are added. These additional planes are
also distributed according to the cosine distribution with the amount that is specified by N_last
input setting. The last x-coordinate of these additional stations is determined to be 10 wingspans
or 100 chords behind the last ”fixed station”.

• Remove the x-coordinates that are too close to each other. The minimum distance between two
consecutive x-coordinates is specified by the min_pitch input setting.

5.8.1. Wing Wake
The wake of a component is built up of one or multiple wake sheets. A wake sheet is a wake that
has been shed by one of the patches of the component. It is, therefore, important to know that one
wake sheet can never be shed by two patches. An example is given in figure 5.31, where the wake
of the right wing of the aircraft is constructed out of five wake sheets. The patch outlines of the wing
component are shown as black lines in the figure and each patch has one wake sheet attached to it.



56 5. Mesh Generation

Figure 5.31: Wakes of the right wing component with transition surfaces

A wake sheet of a wing component is constructed out of two, three or four wake lines. Each of these
wake lines is then attached to a corner point of the wake shedding panels of the patch. If there are
more wake shedding panels than wake lines then VSAERO will automatically create the missing wake
lines for the wake shedding panels that do not have a wake line attached to it.

Four wake lines are used for constructing a wake sheet if both ends of the wake sheet need to be
stitched to other components of the aircraft. Three wake lines are required if only one side of the wake
sheet is stitched to another component of the aircraft, see figure 5.32. Two wake lines are sufficient for
modelling the wake sheet if both ends of the wake sheet do not require any stitching. The difference
between a stitched wake line and a flexible wake line is that the flexible wake line is free to move during
wake relaxation, while this is not the case for a stitched wake line.

Figure 5.32: Stitching of the root wake line to the fuselage[18]
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Stitching of the wake lines to another aircraft component is recommended by Nathman[18]. Stitching
the wake lines to the other components will prevent the wake line from moving away from the surface
of the other component and hence preventing the production of a strong vortex by the gap between the
wake sheet and the surface of the other aircraft component.

A wing with moveable model that is modelled using the ’gap’ option has gaps between the wing and
the moveable in the spanwise direction, see figure 5.33. Two wake sheets are created to cover the
gap between the wing and moveable. One wake sheet for the top surface and one wake sheet for the
bottom surface of the wing. This ”gap” wake sheet is shed from the blue spanwise edge as shown in the
figure. Each ”gap” wake sheet is constructed of two wake lines, which are attached to the chordwise
edges of the moveable and the wing to prevent it from moving away from the wing surface.

A wing with moveable model that is modelled using the ’transition surface’ option has transition
surfaces that connect the wing surface and the moveable surface, see figure 5.34. The wake sheet of
the transition surface is created as a flexible wake sheet by attaching two wake lines at the corners of
”transition surface” patch.

Figure 5.33: Two wake lines for attaching the gap
wake sheet to the wing surface

Figure 5.34: Two wake lines for creating the wake
sheet of the transition surface

Wake lines
As described above, a wake sheet can be modelled from stitched wake lines and/or flexible wake lines.
The modelling of a stitched wake line is very simple and it is demonstrated by figure 5.35. The figure
shows the chordwise root edges of the main wing and the mesh points of the fuselage with the yellow
plus signs. The fuselage mesh points are used for stitching the root wake line of the main wing to the
fuselage. The red line in figure 5.35 is created for visualising the stitched wake line. The fuselage mesh
points are sufficient for defining the stitched wake line.

Figure 5.35: Root airfoil edges with a stitched wake line

The modelling of the flexible wake line is a bit more complicated than the modelling of the stitched wake
line. The shape of the flexible wake line can be modelled in three different ways as presented in figure
5.36. Shape a models the wake line as a straight line that is parallel to freestream airflow, while the
wake line of shape b is unaffected by the freestream airflow and leaves the trailing edge of the airfoil
with an angle. Shape c is a compromise between shapes a and b. Shape c leaves the trailing edge of
the airfoil at an angle but this angle decreases till the wake line is parallel to freestream airflow.
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Figure 5.36: Effect of prescribed wake geometry on the aerodynamics of an AR = 1.5 wing[19].

The modelling of the flexible wake line is explained by using figure 5.37 as an example. The figure
shows an airfoil with a deflected moveable and a red BSpline curve representing the wake line. The
BSpline curve is created by using the yellow points as control points. The yellow control points C and
D are determined by computing the angle 𝛽 and point A.

Figure 5.37: Modelling of wake line geometry.

PointA is determined by translating the trailing edge point in the freestream flow direction with a distance
that is computed by equation 5.1. The distance is thus computed by multiplying the local chord length
with a factor specified by the distance_factor input parameter. The angle 𝛽, on the other hand, is
computed by multiplying the angle 𝛼 with a factor specified by the angle_factor input parameter, see
equation 5.2. The angle 𝛼 is the angle between the freestream flow direction and the averaged tangent
vector at the trailing edge point.

𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑂𝐴 = 𝑐ℎ𝑜𝑟𝑑 ∗ 𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒_𝑓𝑎𝑐𝑡𝑜𝑟 (5.1)

𝛽 = 𝛼 ∗ 𝑎𝑛𝑔𝑙𝑒_𝑓𝑎𝑐𝑡𝑜𝑟 (5.2)
After determining the position of point A and the angle 𝛽, the positions of points C and D can be
determined. Point C is determined by translating point A along a vector that is perpendicular to the
freestream flow direction and it is pointing in the same direction as the tangent vector of the trailing
edge point. The distance of this translation is determined by equation 5.3. Point D, on the other hand,
is determined by translating the trailing edge point along the tangent vector of the trailing edge point
with a distance that is specified by equation 5.4

𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝐴𝐶 = 𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑂𝐴 ∗ 𝑡𝑎𝑛(𝛽) (5.3)
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𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝑂𝐷 = 𝑑𝑖𝑠𝑡𝑎𝑛𝑐𝑒 𝐴𝐶
𝑠𝑖𝑛(𝛼) (5.4)

As the last step in the wake line modelling, the stitched wake line and the free moving wake line are
extended with a straight line that is parallel to the freestream airflow. The length of this straight line is
the x-coordinate of the last wake grid plane minus the x-coordinate of the last point of the wake line.

Figure 5.36 shows three shapes for modelling the wake lines. Shape a is created by setting the
angle_factor parameter to 0, while shape b is created by setting the angle_factor parameter to 1.
Shape c is created if angle_factor is larger than 0 and smaller than 1. Figure 5.36 also shows the
performance of the different wake shapes. It is clear from the figure that the performance is affected
by the shape of the wake, but note that the results of this figure are a simulation in VSAERO with no
wake iterations. The effect of wake iterations on wake shapes a and c are presented in section 6.3.2.

5.8.2. Fuselage Wake
Thewake of the fuselage component is modelled as a closed wakewhere the start of the wake coincides
with the end of the wake as shown in figure 5.38. The blocking strategy of section 5.3.2 ensures that
aft part of the fuselage is meshed as one mesh grid. This mesh grid is then converted to one patch
and this patch is used for shedding the fuselage wake sheet. This fuselage patch can be observed in
figure 5.38 as black outlines.

The fuselage wake sheet is modelled by generating two straight and identical wake lines to represent
the start and end shape of the wake sheet. The two wake lines are positioned at the same location at
the bottom of the fuselage, where the aft fuselage patch starts and ends. All the intermediate wake lines
between the start and end panels of the aft fuselage patch are automatically generated by VSAERO.

The distribution of the fuselage wake panels in the flow direction was specified at the start of this
section and it was distributed according to the cosine distribution. A cosine distribution creates a lot
of panels at the start of the wake. A dense panels distribution at the start of the wake is desired since
the wake of the fuselage will move during the wake relaxation process of VSAERO. The movement of
the wake is the largest just after the fuselage and a dense panel distribution can model this movement
more accurately than a course panel distribution.

Figure 5.38: Closed wake of the fuselage component

5.9. Models in VSAERO
This section shows some examples of the panel model and the wake model of some aircraft models in
VSAERO that have been created using the MMG and the aircraft mesher tool.

Figures 5.39, 5.40 and 5.41 shows the wings with moveables created according to the ’normal
rotation’, ’transition surface’ and ’gap’ options respectively.



60 5. Mesh Generation

Figure 5.39: VSAERO result of wing with ’normal rotation’ moveable

Figure 5.40: VSAERO result of wing with ’transition surface’ moveable

Figure 5.41: VSAERO result of wing with ’gap’ moveable
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Figure 5.42 shows the Fokker100 model that has been created using the MMG, while figure 5.43 shows
a blended body aircraft.

Figure 5.42: VSAERO result of Fokker100 model

Figure 5.43: VSAERO result of a blended wing body aircraft





6
Validation of Aerodynamic

Characteristics

The aerodynamic characteristics of the parametric aircraft model are validated in this chapter. The
validation of the stability and control derivatives is performed in chapter 7. The validation of the aero-
dynamic characteristics is performed by comparing the aerodynamic data of the Fokker100 with the
aerodynamic data that has been generated by the aerodynamic solver VSAERO. The aerodynamic
data of the Fokker100 are from a Fokker100 report [20] and this data will be labelled in the figures as
’reference’.

Section 6.1 will describe the Fokker100 model and the test condition that has been used for gen-
erating the aerodynamic data of this chapter. Section 6.2 analyse the performance of VSAERO such
as accuracy and computation time by varying some input settings. Section 6.3 investigate the impact
of the model variations on the accuracy of the results by changing the panel density and the shape of
the wake line. Finally, the model will be validated in the last two sections by analysing the longitudinal
and lateral-directional characteristics.

Figure 6.1: Fokker100 aircraft. Source [http://www.flyfokker.com/Basics](Last visisted: 18-11-2014)

63
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6.1. Fokker100 Test Case
The aircraft, which has been chosen for validating the parametric model, is the Fokker100 aircraft. The
Fokker100 aircraft is chosen due to the vast amount of available aerodynamic data that can be used
to derive the stability and control derivatives of the aircraft [20]. This aerodynamic data can be used
for validating the simulated aerodynamic data and the simulated stability and control derivatives. The
Fokker100 was also used as the basis for the development of the parametric model with moveables
and for creating the VSAERO model to determine the aerodynamic characteristics.

The Fokker100 aircraft is a medium-sized commercial aircraft with a twin turbofan engine mounted
on the rear of the fuselage. Fokker100 is a conventional T-Tail aircraft with low mounted wings. The
dimensions of the aircraft are illustrated in figure 6.1. The size and the position of the lifting surfaces
of the Fokker100 aircraft are measured from an engineering drawing. The airfoil profiles of the lifting
surfaces are from the MMG repository of Genworks GDL version.

Figure 6.2 shows the Fokker100 model that is constructed using the new MMG on the ParaPy
platform. Please note that this model is not an exact replica of the Fokker100. This model is based on
the measurement of an engineering drawing of the Fokker100. The exact values of for example the
twist distribution of the wing is unknown. Also, the twin turbofan engines, the pylons of the engines
and the dorsal fin of the Fokker100 aircraft are not modelled. The impact of the lack of the items as
mentioned above will especially be observed in the zero-lift drag of the aircraft. The lack of the dorsal
fin has an impact on the side force coefficient since the model has less wing area than the Fokker100
aircraft.

Figure 6.2: Fokker100 model in MMG ParaPy version.

All the aerodynamic data presented in this chapter are computed using the flight conditions of table 6.1.
The reason for choosing this test condition is that the manoeuvring of an aircraft is mostly performed
at low altitudes during take-off or landing phase. During these phases, the control surfaces are used
the most for controlling the attitude of the aircraft.

The aerodynamic coefficients given in this thesis are determined using the reference parameters
of table 6.2. The reference point or centre of gravity for computing the moment coefficients are given
in the global axis. The global axis is located on the nose of the aircraft at the fuselage centerline. The
X-axis points towards the tail of the aircraft. The Y-axis is perpendicular to the plane of symmetry and
is positive in the direction of the left wing. The Z-axis is perpendicular to the XY plane and is positive
upwards.



6.2. VSAERO Settings 65

Table 6.1: Test condition

Variable Value Unit

Altitude 3000 [m]
Velocity 98.6 [m/s]
MAC 3.83 [m]
Mach number 0.3 [-]
Reynolds number 20, 3 ⋅ 10ዀ [-]

Table 6.2: Reference parameters for the aerodynamic coefficients

Variable Value Unit

Chord 3.83 [m]
Area 93.5 [mኼ]
Span 28.08 [m]
Center of gravity, X-coordinate 16.95 [m]
Center of gravity, Y-coordinate 0.00 [m]
Center of gravity, Z-coordinate -0.25 [m]

6.2. VSAERO Settings
The most important settings, which affect the performance of VSAERO, are the type of the solver
and the number of iterations. The type of matrix solver determines the computational speed and the
convergence of the results. The number of iterations, on the other hand, determines the number of
wake and/or viscous iterations that is being used for computing the aerodynamic data.

6.2.1. Matrix Solvers
The matrices resulting from the first order panel method can be solved by either using a direct solver or
by using an iterative solver. A direct solver solves the matrices directly while the iterative solvers make
an educated guess and iterate this until it converges. Direct solvers are more robust than the iterative
solver, but the iterative solver, on the other hand, is significantly faster regarding computation time.
This thesis will analyse one iterative solver and one direct solver of VSAERO. The direct solver that is
chosen for comparison is the LAPACK solver. For the iterative solver, Nathman(VSAERO) advises to
use BLOCKED GS since it was tested as the most reliable iterative solver. Instead of BLOCKED GS,
LAPACK BGS is used as the iterative solver. LAPACK BGS uses a similar method as BLOCKED GS
but then without restriction on the block size (number of panels in a patch).

The lift curve, the drag polar and the side force coefficient of the Fokker100 model for the different
solvers are presented in figures 6.3, 6.4 and 6.5 respectively. These curves are simulated with 9493
body panels, 10642 wake panels, 10 wake iterations and 10 viscous iterations. Figures 6.3 and 6.4
show that there are no notable differences in the lift curve and in the drag polar, but there are some
differences between the reference data and the simulated data. The lift curve is slightly overpredicted,
while the drag is under predicted. The drag polar shows that the zero lift drag is under predicted,
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Figure 6.3: Lift curves with different solvers
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Figure 6.4: Drag polars with different solvers
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Figure 6.5: Sideforce coefficient versus angle of side-slip with different solvers

while the trend line of the simulated data seems to follow the trend line of the reference data. The
underprediction of the zero lift drag is attributed to the lack of engines, engine pylons and the dorsal fin
for the Fokker100 model. Figure 6.5 shows that for low slip angles the side force coefficient are almost
the same for the two solvers, but both solvers begin to diverge after a slip angle of 4 degrees. The
probable cause of this problem is depicted in section 6.5.1.

The most notable difference between the solvers is the required computation time to obtain the
aerodynamic data. Figure 6.6 shows the runtime of the two solvers for different angle of attacks and
slip angles. The iterative LAPACK BGS solver is around two to three times faster than the direct
LAPACK solver. Figure 6.6 also shows that LAPACK BGS does not converge for slip angles higher
than 6 degrees and lower than -7 degrees.

The conclusion is that the iterative LAPACK BGS solver is the best option for the current Fokker100
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model due to its superior performance in runtime, while there are no notable differences in the results.

Figure 6.6: Run times for Fokker100 model with different solvers.

6.2.2. Iterations
The first order panel method tools like VSAERO requires that the body and the wake of the aircraft to
be modelled. The initial wake model is most of the time a rough estimation of the shape of the wake
with no wake relaxation. The solution produced by VSAERO while using this model can be improved
by specifying multiple wake iterations NWIT and/or viscous potential iterations NVPI. Note that wake
relaxation is computationally less expensive than viscous calculation [18].

Wake Iterations
A wake iteration improves the shape and the coefficients of the wake panels by changing the positions
of the streamwise edges of the wake panels. The re-positioning of the streamwise edges are conducted
by re-aligning the edges with the local flow directions.

According to Nathman [18], a rigid wake(NWIT=0) results are in many cases very close to the
relaxed wake results. He suggests that if a relaxed wake is desired, NWIT may be set to 1, 2, or 3. If
convergence is not indicated by the first four iterations (including the rigid wake iteration), higher values
of NWIT are not recommended. Instead, the underlying reasons for oscillation in the solution must be
pursued.

Viscous Iterations
The viscous iteration uses the integral boundary layer calculations to compute the boundary layer prop-
erties. For each iteration, the surface transpiration velocities are computed and are returned to the
potential flow code. Viscous calculation can only be performed if the streamlines around the surface
of the aircraft are specified. The viscous calculation utilises the velocity and convergence along the
length of the streamlines to compute the boundary layer properties.

Nathman [18] says that the viscous iterations usually converges quite quickly and that NVPI of 3 or
4 is a good initial value. Any oscillation beyond NVPI of 4 signals a problem in the streamline tracing
or has significant amounts of separated flow on the body.
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Results
Figures 6.7 and 6.8 show the lift and the drag coefficients for four different cases. The four sub-figures
are created by varying the angle of attack and the BLWIT input parameters. The BLWIT parameter in-
dicates if the viscous iterations are performed after the wake iterations (BLWIT = 0) or must it alternate
between the viscous and the wake iterations (BLWIT = 1). The results of figures 6.7 and 6.8 are gen-
erated using the LAPACK BGS solver. Note that the SOLRES or the solution residual input parameter
for LAPACK BGS affects the convergence rate of the wake iterations.

(a) Angle of attack = 0, BLWIT = 0

(b) Angle of attack = 10, BLWIT = 0

Figure 6.7: Lift and drag coefficient versus number of iterations.
BLWIT = 0, Body panels = 9493, Wake panels = 10642, NWIT = 10, NVPI = 20

Figures 6.7a and 6.7b show the convergence rate of the lift and the drag coefficients. The first eleven
iterations show the convergence for the wake iterations, while the remaining twenty iterations show the
convergence of the viscous iterations. The figures show that the lift and drag coefficients are indeed
converged within four iterations for the wake iterations, while the convergence of the viscous iterations
is very dependent on the angle of attack. The number of iterations needed for convergence of the
viscous iterations decreases when the angle of attack is increased.

Comparison of figures 6.7a and 6.7b with figures 6.8b and 6.8b show that the final values of the lift
and drag coefficients are almost the same. This means that the impact of BLWIT is negligible. BLWIT is
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(a) Angle of attack = 0, BLWIT = 1

(b) Angle of attack = 10, BLWIT = 1

Figure 6.8: Lift and drag coefficient versus number of iterations.
BLWIT = 1, Body panels = 9493, Wake panels = 10642, NWIT = 10, NVPI = 20

equal to 0 is chosen for further computations due to the separation of the wake and viscous iterations.
The convergence of the wake and viscous iterations can then be checked independently of each other.

The total run time of 10 wake iteration is 17.2 minutes, which is approximately 103 seconds for one
wake iteration. The total run time of 20 viscous iterations is 4.8 minutes, which is approximately 14.5
seconds for one viscous iteration. This shows that viscous iteration is significantly faster.

The conclusion is that wake iterations converge very quickly, while the convergence of the viscous
iteration is dependent on the attitude of the aircraft. Also, the run time is predominantly determined by
the number of wake iterations.

6.3. Model Settings
A major contribution to the accuracy of the aerodynamic results is the method for constructing the
VSAERO model. There are various ways to change construction method or settings of the model. This
section will look at the effect of the mesh density, wake line curvature and congruent versus incongruent
mesh.
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6.3.1. Panel Density
A VSAERO model consists of two type of panels. The first panel type is called the body panels and
these panels represent the geometry or the skin of the aircraft. The second panel type is called the
wake panels and these panels represent the wake that has been shed of the aircraft.

The panel density of the aircraft affects the computation time and the accuracy of the results. A
model with too few panels will produce poor aerodynamic data, while a model with too many panels
will increase the run time for computing the aerodynamic data of the aircraft.

Table 6.3 shows the body panel budget for a typical conventional aircraft. The panel budget given
in table 6.3 is for half an aircraft. The panel budget for the whole aircraft is thus the double number of
panels.

Table 6.3: Body panel budget on one side of symmetry for a typical conventional aircraft in cruise condition[18].
Component Chordwise Spanwise Panels

Wing 80 20 - 25 1600 - 2000
Horizontal Tail 60 15 900
Fin 30 (one side only) 12 - 15 400
Body 40 (x direction) 18 - 24 2000
Pylon 40 15 600
Nacelle 60 (x direction) 24 1250

The total amount of wing panels can be increased or decreased by changing the panel distribution in
the chordwise and/or in the spanwise direction. The effects of the panels density in the chordwise and
the spanwise direction will be investigated further below by only changing the density of the main wing.

Chordwise panel density
The chordwise panel density represents the number of panels that has been distributed over the local
chordwise cross section of the wing to model the curvature of the airfoil. The chordwise panel density
determines how accurate the airfoil curvature can be represented.

Figure 6.9 shows three different chordwise pressure distribution of the same model with different
amount of chordwise panels. A comparison between figure 6.9a and figure 6.9c shows that the high
density model produces a lot smoother pressure distribution than the low density model. The most
significant differences are the prediction of the suction peak. The high-density model shows a steep
suction peak, while the low-density model has a shallow suction peak.

The effects of the different pressure distribution on the performance of the Fokker100 model can be
clearly seen in the drag polar of figure 6.10. For each drag polar curve of figure 6.10, a curve fitting has
been made using equation 6.1. 𝐶∗ፃ and 𝐶∗ፋ represents the drag and lift coefficients at minimum drag,
while 𝑘 is the coefficient that represents the shape of drag polar curve. The values of 𝐶∗ፃ, 𝐶∗ፋ and 𝑘 for
the drag polar curves are shown in table 6.4.

𝐶ፃ = 𝐶∗ፃ + 𝑘(𝐶ፋ − 𝐶∗ፋ)ኼ (6.1)

Table 6.4: Drag polar trend lines data of figure 6.10
Chordwise panels Reference

20 60 100

𝐶∗ፃ 0.0187 0.0149 0.0141 0.0193
𝑘 0.0412 0.0421 0.0421 0.0441
𝐶∗ፋ 0.0934 0.0308 0.0214 0.0170

Table 6.4 shows that the drag polars of the models become more similar to the drag polar of the ref-
erence data when the chordwise panel density is increased (increase in k). It also shows that the 𝐶∗ፋ
becomes more accurate when the panel density is increased. But the minimum drag coefficient, how-
ever, decreases, when the panel density is increased. The effects of the increasing panel density can
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(a) Chordwise panels = 20

(b) Chordwise panels = 60 (c) Chordwise panels = 100

Figure 6.9: Chordwise pressure distribution of main wing at   ፦ and at ᎎ  ኺ፝፞፠
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Figure 6.10: Drag polar for varying chordwise panel density
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be explained due to the different suction peaks of the models as shown in figure 6.9. The increase in the
panel density of the models will produce a pressure distribution with a higher suction peak at the nose.
A higher suction peak means an increase in the lift coefficient and decrease in the drag coefficient.

It can be concluded that the chordwise panel density affects the pressure distribution over the airfoil
especially the suction peak at the leading edge. The increase in panel density means that the model
can represent airfoil curvature more accurately. A more accurate airfoil means that the shape of the
pressure distribution can be predicted more accurately. The number of chordwise panels that is being
used for creating the Fokker100 models in this thesis is 100 chordwise panels.

Spanwise panel density
The spanwise panel density determines the number of panels in the spanwise direction of the wing.
This density also influences the number of wake panels in the spanwise direction indirectly since the
wake is shed by the wing and thus the number of wake panels in the spanwise direction is equal to the
number of spanwise body panels.

The effect of varying spanwise panel density predominantly affects the root and tip of the wing.
Figures 6.11 and 6.12 shows the spanwise lift distribution of the right wing at the angle of attack of 0
and 10 degrees respectively. The root lift distribution is significantly affected at low angle attack, but
the effect is very small at high angle of attack. The tip effect is exactly the opposite. The effect is very
small at low angle of attack, while the effect is significant at high angle of attack.
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Figure 6.11: Spanwise lift distribution of right wing at ᎎ  ኺ deg, pitch in mm

The impact of varying spanwise panel density on the aircraft performance is greater when the aircraft
is slipping at an angle. Figure 6.13 shows this impact on the side force coefficients. Table 6.5 shows
the corresponding 𝐶ፘᒇ for the curves of figure 6.13. This table shows that the first order derivative 𝐶ፘᒇ
becomes more accurate when the number of spanwise panels is increased (decrease in pitch). The
cause of the increase of the accuracy for 𝐶ፘᒇ is shown in figure 6.14. According to the figure, the impact
of different pitches between the mesh points is very different for the right and the left wing. The wing
that is partially shielded by the fuselage is heavily influenced by the varying panel density. This wing
has a smoother lift distribution when the spanwise panel density is increased.

The conclusion is that the spanwise panel density affects the root and tip performance of the wing.
The impact of the panel density on the root lift distribution is only relevant at low angle of attack or at
side slip angles, while the tip performance is only relevant at high angle of attack. A higher spanwise
density at the root and at the tip produces a smoother spanwise lift distribution with higher lift at the root
and lower lift at the tip. The spanwise pitch of 480 millimetres is being used for creating the Fokker100
models in this thesis.
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Figure 6.12: Spanwise lift distribution of right wing at ᎎ  ኻኺ deg, pitch in mm

Table 6.5: ፂᑐᒇ in [1/rad] for curves of figure 6.13

Spanwise pitch Reference
320 640 960

𝐶ፘᒇ -0,688 -0,670 -0,596 -0,733
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Figure 6.13: Side force curve for varying spanwise panel density at ᎎ  ኺ degree, pitch in mm
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Figure 6.14: Spanwise lift distribution at ᎎ  ኺ and ᎏ   degree, pitch in mm

6.3.2. Wake lines
The wake model for a first order panel method like VSAERO is modelled by defining the wake lines.
A wake line can be modelled in multiple ways as presented in figure 5.36. Two of the three modelling
methods for creating the wake lines are investigated further. The first wake line model is a straight line
from trailing edge parallel to the freestream direction, which corresponds to wake ’a’ of figure 5.36. The
second model is a curved line starting from the trailing edge in the average direction of the upper and
lower trailing direction vectors. After the start point, the direction of the line will change until it is parallel
to freestream direction.

Figures 6.15 and 6.16 show the convergence of the lift and the drag coefficients for a model with
straight wake lines and for a model with curved wake lines respectively. The most striking aspect of
these figures is that after five wake iterations, the differences in the lift and the drag coefficients between
the two models are negligible. The differences in the coefficients between the two wake lines models
can only be seen in the first calculation where there is no wake relaxation.

These result may suggest that if you have enough wake iteration, the shape of the wake lines
becomes irrelevant, but be aware that this is not always true. A good example is a canard aircraft, where
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the wake of the canard can intersect the main wing when wake relaxation is applied. The aerodynamic
solver will become unstable if the wake is intersecting the main wing. To avoid this instability one must
approximate the final wake line such that the wake line shape is not changed too much during the wake
relaxation.

Figure 6.15: Straight wake lines for ᎎ  ኺ with 5 wake iterations

Figure 6.16: Curved wake lines for ᎎ  ኺ with 5 wake iterations

6.3.3. Congruent versus Incongruent
Discretizing an aircraft to a panel model can be performed in many ways. Section 5.3.1 has explained
the two meshing methods that have been implemented in the MMG tool for discretizing an aircraft
model.

The first method is the incongruent mesh method that meshes all components of the aircraft sepa-
rately. All the individual mesh grids are then written away to the input file of VSAERO. This will result in
a panel model that has an incongruent mesh between the components. Or in other words, the meshes
of the two neighbouring components are not aligned with each other at the intersection between the
two components, see figure 6.17a.

The second method is the congruent mesh method that meshes all the aircraft components as one
model. The resulting model is a model, where the meshes of two neighbouring components are aligned
at the intersection between the two components, see figure 6.17b.

The difference between the two methods is clearly shown in the pressure plot of figure 6.17. The
figure shows that the difference between the two methods is related to the interaction between the two
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(a) Incongruent mesh (b) Congruent mesh

Figure 6.17: Pressure distribution at the intersection between wing and fuselage at ᎎ  ኻኺ deg

components. The incongruent meshing method does a very poor job in predicting the wing-fuselage
interaction, while the results of the congruent meshing method seem plausible.

The lift and drag curve of the two methods are shown in figures 6.18 and 6.19. The lift curve shows
that lift curve slope of the incongruent mesh is lower than the lift curve slope of the congruent mesh.
The figure also suggests the lift curve of the congruent mesh is approximating the reference curve way
better than the lift curve of the incongruent mesh. The underestimation of the lift at high angle of attack
is also reflected in the drag curve as a lower drag value since lower lift means lower induced drag.
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Figure 6.18: Lift curve of congruent and incongruent mesh

The cause of the lower lift can be observed in the chordwise pressure distribution at the root of the
wing, see figure 6.20a. The weird pressure fluctuation at wing root of figure 6.20a is also reflected in
the pressure distribution. The weird pressure fluctuation causes the pressure to drop temporarily after
the first suction peak. After the pressure drop, the pressure rises to such a level that the local area
of the wing produces negative lift. This negative lift is the cause of lower lift and drag at high angle of
attack.

It can be concluded that the congruent meshing method is the better method to discretize a aircraft
model to a panel model since the incongruent meshing method is incapable in predicting the interaction
of the two neighbouring components such as the wing and fuselage.
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Figure 6.19: Drag curve of congruent and incongruent mesh

(a) Incongruent mesh

(b) Congruent mesh

Figure 6.20: Pressure distribution near root of main wing, ᎎ  ኻኺ deg and b = 1.75m
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6.4. Longitudinal Characteristics
The validation of the models is performed in this section and in section 6.5. This section analyses the
longitudinal characteristics of four different Fokker100 models. One of the models is a clean aircraft
with no moveables, while the other models have wings with moveables. The characteristics of the
models are validated against the reference data from the Fokker report [20].

The moveable models used for the simulations has two ailerons, two elevator and one rudder.
Figure 6.21 shows the locations and the size of the moveables on the aircraft as well as the mesh
panels. The mesh of the models is created using the settings specified in table 6.6. These models are
tested under the conditions specified in table 6.1.

Figure 6.21: Meshed Fokker100 with not-slotted moveables and transition surfaces

Table 6.6: Mesh and VSAERO settings for the four Fokker100 models.

Clean Moveable modelling method
Normal rotation Transition surface Gap

Main wing
Chordwise panels 40 42 42 42
Spanwise pitch 480 480 480 480

Horizontal tail plane
Chordwise panels 30 31 31 13
Spanwise pitch 400 400 400 400

Vertical tail plane
Chordwise pitch 130 130 130 130
Spanwise pitch 400 400 400 400

Fuselage
Chordwise pitch 130 130 130 130
Spanwise pitch 400 400 400 400

Aircraft
Body panels 11270 11964 11974
Wake panels 12818 13778 16695
Solver LAPACK BGS
NWIT 5
NVPI 20
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6.4.1. Zero Deflection
The first step in the validation process is to simulate the results of the Fokker100 models with zero
deflection for the moveables. By doing this first, one can check the feasibility of the different modelling
methods for the moveables by comparing the results of the moveables models with the results of the
clean wing model.

Figure 6.22 shows the longitudinal characteristics of the models such as the lift curve, drag curve,
drag polar and the moment curve. The trend lines of the lift curve, drag polar and the moment curve
is shown in table 6.7. 𝐶∗ፃ represents the minimum drag or the zero-lift drag of the model, while 𝑘 is
the coefficient that represents the shape of drag polar curve. 𝐶∗ፃ and 𝑘 represents the parameters
of equation 6.1. Table 6.7 and figure 6.22 show that the difference between the different models is
negligible except for the model with the ’gap’ option.
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Figure 6.22: Longitudinal characteristics of Fokker100 model with zero deflections

Table 6.7: ፂᑃᒆ , ፂ∗ᐻ, ፤ and ፂᑞᒆ for curves of figure 6.22, derivatives are in [1/rad]
Clean Normal rotation Transition surface Reference

𝐶ፋᒆ 5,770 5,724 5,724 5.936
𝐶∗ፃ 0.0143 0.0147 0.0146 0.0195
𝑘 0.0422 0.0423 0.0424 0.0436
𝐶፦ᒆ -1,587 -1,604 -1,604 -1,593
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The ’gap’ moveable option models the moveables as part of the wing with gaps between the sides
of the moveable and the wing. The presence of these gaps creates a low pressure area around the
gap as shown in figure 6.23a. According to Katz [19], the potential flow model does not account for
the viscosity of the flow. This lack of viscosity of the flow will increase the velocity inside the gap to
unrealistic values, while in reality the velocity increase is countered by the friction of viscous flow with
the skin of the wing. An attempt has been made to solve this problem by covering the gap with two
wake sheets. One wake sheet covers the top side of the gap, while the second wake sheet covers the
bottom side of the gap. The result of this attempt is shown in figure 6.23b. This attempt is not very
successful since there is still a low pressure area present around the gap. The presence of the low
pressure area around the gap creates a suction force; that significantly increases the drag of the aircraft
as shown in the drag curve of figure 6.22b. The increase of drag is so significant that the author
concludes that the ”gap” moveable option is not a good approach to model the moveables of
an aircraft for a first order panel method.

(a) No wake sheets covering the gap (b) Wake sheets covering the gap

Figure 6.23: Pressure distribution for wing with ”gap” option

Figure 6.22a shows that the zero lift angles of the three remaining models are approximately 0.7 de-
grees lower than the zero lift angle of the reference data. Table 6.7 shows that the lift curve slopes of
the three remaining models are predicted lower than the lift curve slope of the reference data. Table 6.7
also shows that the minimum drag coefficients are underestimated by a value of approximately 0.005.
The underestimation of the minimum drag coefficients are attributed to the lack of the twin turbofan
engines, engine pylons and the dorsal fin of the Fokker100 model.

The moment curves of figure 6.22d suggest that the moment curves of the Fokker100 models are
very accurate but keep in mind that this is the total moment curve of the whole aircraft. The individual
components can have moment curves that are not so accurate as the total moment curve. Figure 6.24
shows the tail-off moment curve and the moment curve of the T-tail of the Fokker100. These curves
clearly show that individual components deviate quite clearly from the reference moment curve.

The deviation of the moment curve is caused by the overestimation of the lift curves of the main
wing and the horizontal tail as shown in figure 6.25. The probable cause of the overestimation of the lift
curves may be attributed to the underestimation of the boundary layer effects over the aircraft. Since
the trend of the drag curve is almost the same as the reference, while the drag is too low. A stronger
boundary layer effects increase the boundary layer thickness, which in turn decreases the lift by de-
cambering the airfoil. A thicker boundary layer means more skin friction which increases the drag and
decreases the difference between the drag coefficients of the models and the reference data.



6.4. Longitudinal Characteristics 81

−10 −5 0 5 10
Angle of Attack [deg]

 0.25

 0.20

 0.15

 0.10

 0.05

0.00

0.05

0.10

0.15

P
it
ch
 m
o
m
e
n
t 
co
e
ff
ic
ie
n
t 
[-
]

Reference tail-off

Clean

Normal rotation

Transition surface

(a) Tail-off moment curve
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Figure 6.24: Moment curve of tail-off and tail configuration
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Figure 6.25: Lift curve of tail-off and tail configuration

6.4.2. Moveable Deflection
The next step in the validation process is to examine the effect of the control surfaces on the perfor-
mance of the different models. The control surfaces that are examined in this section are the ailerons.
The reason for choosing the ailerons is that is located on the main wing and the main wing is the main
contributor to the lift and drag of the aircraft. The change in the lift and drag is thus most visible when
the ailerons are deflected. Note that the ailerons in this section have the same deflection angle for the
left and the right wings.

Figure 6.26 shows the impact of the aileron deflections on the lift and moment curve of the aircraft.
The lift and moment curve for the two different moveable models are almost identical to each other,
but the lift curve of ’transition surface’ moveable model is slightly lower than the lift curve of the ’normal
rotation’ moveable model. Besides that, no other differences between the two models can be identified
when observing the lift and moment curves.

Figure 6.26a also shows two reference curve with an aileron deflection of 20 and -20 degrees.
Comparing these reference curves to the lift curves of the models and it tells us that the positive aileron
deflection has greater error margin than the negative aileron deflection. The bigger error margin is
attributed to the fact that lift of the wing is overestimated as shown in section 6.4.1. This means that lift
of the deflected ailerons is also overestimated. The difference between the positive deflection and the
negative deflection is that the lift of the positive aileron deflection increases the total lift of the aircraft,



82 6. Validation of Aerodynamic Characteristics

0 2 4 6 8 10
Angle of A  ack [deg]

−0.5

0.0

0.5

1.0

1.5

Li
f 
 c

o
e
ff
ic

ie
n
  
[-
]

Reference, 20 deg

Reference, -20 deg

Normal rotation, 20 deg

Normal rotation, -20 deg

Transition surface, 20 deg

Transition surface, -20 deg

(a) Lift curve

−10 −5 0 5 10
Angle of Attack [deg]

−0.3

−0.2

−0.1

0.0

0.1

0.2

0.3

0.4

0.5

P
it
ch
 m

o
m
e
n
t 
co
e
ff
ic
ie
n
t 
[-
]

Normal rotation, 20 deg

Normal rotation

Transition s rface, 20 deg

Transition s rface

(b) Moment curve

Figure 6.26: Lift and moment curve for deflected ailerons

while the negative aileron deflection decreases the lift. So the overestimation of the lift is thus enhanced
when the aileron is deflected positively and the overestimation of the lift is suppressed when the aileron
is deflected negatively.
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Figure 6.27: Drag polars for deflected ailerons

The only difference between the twomoveablemodels can be observed in the drag polars of figure 6.27.
The figures show that the drag of the ’transition surface’ moveable model is higher for both the deflection
angle of 20 and -20 degrees and this higher value decreases the error margin between reference data
and drag polar of ’transition surface’ model. The error margin in the minimum drag coefficients of the
models with no deflected moveables was 0.005. The error margin of ’normal rotation’ and the ’transition
surface’ models with 20 degrees of aileron deflection are 0.011 and 0.007 respectively. This means
that error margins for ’normal rotation’ and ’transition surface’ models are increased by 0.006 and
0.003 respectively. The overall conclusion from figure 6.27 is that drag model of the ’transition surface’
moveable model is more accurate than the drag model of the ’normal rotation’ moveable model.

The difference in the drag between the moveable models can be explained by observing the chord-
wise pressure distribution of the twomodels at span position of 10meters, see figure 6.28. The pressure
peak of ’transition surface’ moveable seems to occur more to the aft of the wing when compared to the
pressure peak of the ’normal rotation’ moveable. The more aft position of the pressure peak generates
a higher adverse pressure gradient at the trailing edge for the ’transition surface’ model. A higher ad-
verse pressure leads to earlier transition or separation of the boundary layer and thus an increase in
skin friction drag.
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(a) Normal rotation moveable

(b) transition surface moveable

Figure 6.28: Pressure distribution at span = 10m with aileron deflection of 20 degrees

The increase in skin friction drag could explain the higher drag value for the ’transition surface’ model,
but table 6.8 suggest that the skin friction only accounts for a small portion of the drag increase. The
remaining drag increase must thus be attributed to a higher induced drag for the ’transition surface’
moveable model.

This higher induced drag is caused the different locations of the suction peaks of the moveables.
The suction peak of the ’normal rotation’ model is located on the wing and not on the moveable itself,
while the suction peak of ’transition surface’ model is located on the moveable itself. This means that
lift generated by the suction peak of ’normal rotation’ model is pointed less to the aft and hence the
lower induced drag.
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Table 6.8: Drag and skin friction coefficients for two moveable options

𝛼=-10 𝛼=0 𝛼=10
CD CDf CD CDf CD CDf

Normal rotation 0.036 0.011 0.026 0.011 0.101 0.011

Transition surface 0.037 0.011 0.029 0.012 0.105 0.012

Delta 0.001 0.000 0.003 0.001 0.004 0.001

6.4.3. Conclusion
The wing with moveable model with a gap between the sides of the moveable and the wing is unstable.
The instability is caused by the presence of the gap. The presence of the gap creates a very low
pressure area, which it accelerates the surrounding airflow. The surrounding airflow is accelerated to
a ridiculous amount due to the fact VSAERO uses first order potential method for modelling the airflow.
A first order panel method does not take into account the viscous effects. VSAERO does employ a
boundary layer integral method to compute the viscous effects, but this method does not prevent the
creation of the very low pressure area around the gap between the wing and the moveable.

The zero lift angles, the lift curve slopes and drag coefficients of the ’normal rotation’ and the ’tran-
sition surface’ models with zero moveable deflections are under estimated, while the moment curves
were predicted quite accurately. The underestimation of the drag coefficient is attributed to the under-
estimation of the zero lift drag. The zero lift drag is underestimated because the models did not have
the engines, engine pylons and the dorsal fin.

The differences in the lift, drag and moment curves between the ’transition surface’ model and the
’normal rotation’ model are very low and they are almost identical. A difference between the two models
can be observed when both the left and the right ailerons are deflected to 20 degrees. The ’normal
rotation’ moveable models generate a slightly higher lift, but a much lower drag than the ’transition
surface’ moveable model. The difference between the ’normal rotation’ and the ’transition surface’
model is caused by the location of the suction peak of the moveable.

The suction peak of the ’normal rotation’ model is located on the wing in front of the start of the
moveable. The suction peak of the ’transition surface’ on the other hand is located at the start or slightly
behind the start of the moveable. The lift generated by the suction peak of ’normal rotation’ moveable
is pointed less to the aft when compared to the suction peak of ’transition surface’ model. The results
is a lower induced drag and a slightly higher lift for the ’normal rotation’ model. It is therefore recom-
mended to use the ’transition surface’ model when only considering the longitudinal characteristics of
the Fokker100 aircraft.

6.5. Lateral-Directional Characteristics
This section validates the lateral-directional characteristics of the Fokker100models and tries to explain
any unusual behaviour in the results. The validation process is performed for an aircraft model with a
clean wing, a model with moveables modelled according to the ’normal rotation’ option and a model
with transition surfaces between the wing and the moveables. Figure 6.21 shows the location and the
size of the moveable while table 6.6 shows the settings for the mesh of the models. The results for the
lateral characteristics are obtained under the conditions specified by table 6.1. The reference point for
the roll and yaw moment coefficients are listed in table 6.2.

6.5.1. Zero Deflection
The effects of the different models without any deflection for the control surfaces are analysed in this
sub-section. The parameters that are important for analysing the lateral characteristics of the models
are the side force, roll moment and the yaw moment coefficients. These parameters are plotted in
figure 6.29 against the slip angle, while the angle of attack of the models is zero degrees. The first
order derivatives of the trend lines for the curves of figure 6.29 are listed in table 6.9.

Figure 6.29 and table 6.9 show that there are no distinct differences between the various curves of
the three Fokker100 models. Figure 6.29a shows that the side force coefficient of the models are un-
derestimated, while figures 6.29b and 6.29c show that the roll moment and the yaw moment coefficient
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of the models are overestimated.
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(c) Yaw moment coefficient versus slip angle

Figure 6.29: Lateral characteristics of Fokker100 model with zero deflections

Table 6.9: ፂᑐᒇ , ፂᑝᒇ and ፂᑟᒇ for curves of figure 6.29, derivatives in [1/rad]

Clean Normal rotation Transition surface Reference

𝐶ፘᒇ -0.659 -0.670 -0.670 -0.699
𝐶፥ᒇ -0.0859 -0.0859 -0.0859 -0.0745
𝐶፧ᒇ 0.138 0.143 0.143 0.132

Figure 6.30 separates the side force, roll moment and the yawmoment curves of figure 6.29 into curves
for a tail-off configuration and into curves for the tail of the Fokker100. A tail-off configuration consist
of the data of the fuselage of the main wing, while the tail configuration consists of the vertical tail and
the horizontal tail planes. Doing this will give us more insight in which components are responsible for
the deviation of the simulation data from the reference data. According to figures 6.30a and 6.30b, the
wing-fuselage combination is the source of the deviation in the side force coefficient, but note that this
is not entirely accurate since the dorsal fin of the Fokker100 is not modelled. The tail of the Fokker100
is the source of the deviation of the roll moment according to figures 6.30c and 6.30d.

Examining figure 6.30e shows us that the trend of the yaw moment curve is almost the same as
the trend of the reference data. Also, the deviation between the yaw moment curves and the reference
data are very small. This means that the side force of the fuselage is quite well predicted by VSAERO
since the main contributor to the yaw moment for conventional aircraft is most of the time the fuselage.
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(a) Tail-off side force coefficient versus slip angle
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(b) Tail side force coefficient versus slip angle
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(c) Tail-off roll moment coefficient versus slip angle
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(d) Tail roll moment coefficient versus slip angle
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(e) Tail-off yaw moment coefficient versus slip angle
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(f) Tail yaw moment coefficient versus slip angle

Figure 6.30: Lateral characteristics of Fokker100 model with tail-off and tail configuration
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Another interesting fact that can be derived from figures 6.29a and 6.29c is that the side force of the
whole aircraft is not exactly zero at zero sideslip angle. The sideforce coefficient seems to deviate with
0.001 with approximately 0.00045 for tail-off configuration and 0.00055 for the tail configuration. The
source of this deviation is unknown, it may be noise.

Figure 6.29 also shows that there are instabilities in the curves for a sideslip angle of 7 or higher.
These instabilities are caused by an improper stitching of the root wake line of the wing to the fuselage.
The root wake line is currently stitched as the blue line of figure 6.31 to the fuselage. Using this stitched
wake line for simulation will result in a wake that partially intersects the aft part of the fuselage, see
figure 6.32. This wake-fuselage intersection is the source of the instabilities that has been observed in
figure 6.29. Since stitching the root wake line as the red line of figure 6.31 reduces these instabilities,
see figure 6.33.

Figure 6.31: Blue line is standard stitched wakeline, red line is adapted stitched wakeline

Figure 6.32: Wake of the wing intersects the aft part of the fuselage at sideslip of 10 degrees, bottom view



88 6. Validation of Aerodynamic Characteristics

0 2 4 6 8 10
Angle of sideslip [deg]

−0.14

−0.12

−0.10

−0.08

−0.06

−0.04

−0.02

0.00

S
id
e
 f
o
rc
e
 c
o
e
ff
ic
ie
n
t 
[-
]

Reference
Not adapted
Adapted

Figure 6.33: Side force coefficients versus sideslip angle of adapted stitched wakeline

6.5.2. Moveable Deflection
The ailerons and the rudder are the control surfaces of an aircraft to control the yawing and rolling
moment of the aircraft. This section will thus analyse the effects of the ailerons and rudder deflections
on the lateral-directional characteristics of the aircraft.

The lateral performance of the Fokker100 models with maximum aileron deflection are shown in
figures 6.34, 6.35a and 6.35b. These figures show the side force, roll moment and yaw moment coef-
ficients against the side slip angles with a deflection of 20 degrees for the right aileron and a deflection
of -20 degrees for the left aileron. The lateral performance of the Fokker100 models with maximum
rudder deflection are shown in figures 6.36a, 6.36b and 6.36c. These figures show the side force, roll
moment and yaw moment coefficients against the side slip angles with a deflection of 33 degrees for
the rudder to the port side of the aircraft.

Aileron
Prediction of the lateral-directional characteristics of the aircraft with the deflection of the ailerons seems
to be less accurate than the predictions without the aileron deflection. The highest deviation from the
reference data can be observed in the roll moment coefficient with an average deviation of 45 percent
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Figure 6.34: Side force coefficient versus slip angle, right aileron = 20 deg and left aileron = -20 deg
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Figure 6.35: Lateral characteristics of Fokker100 model with aileron deflection
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Figure 6.36: Lateral characteristics of Fokker100 model with rudder deflection
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from the reference values. This large deviation is mainly caused by the over prediction of the lift of the
wing with an aileron deflection of 20 degrees, see figure 6.26a.

The performance of the ’transition surface’ moveable model performs overall better than the ’normal
rotation’ moveable model. The ’transition surface’ model is slightly better that the ’normal rotation’
model in the roll and yaw moment of the models. The difference in the roll moment coefficient is
caused by the slight difference in the lift prediction of the ailerons, see figure 6.26a. This figure shows
that the lift curve of the ’transition surface’ is slightly lower. This lower lift causes the slight lower roll
moment curve of the ’transition surface’ model.

Rudder
Deflecting the rudder of the models produces a lot of differences between the two moveable modelling
options. Both modelling options have its advantages and disadvantages when predicting the lateral-
directional characteristics of the Fokker100.

The advantage of ’normal rotation’ is that it predicts the trend of the reference curve quite well, while
this is obviously not the case for the ’transition surface’ model. A good prediction of the trend line will
allow the user compute a more accurate control derivatives for the ’normal rotation’ model.

The advantage of the ’transition surface’ model is that its deviation from the reference curve is
smaller than the deviation of the ’normal rotation’ model. A smaller deviation means that it is more
accurate in predicting the lateral-directional performance of the aircraft.

The difference in the performance of the two different rudder models are shown in the pressure
distribution of the vertical tail, see figures 6.37 and 6.38. The pressure distributions show that the
pressure peak of the ’transition surface’ moveable starts more to the aft of the airfoil than the ’normal
rotation’ moveable. Also, the pressure peak of the ’normal rotation’ moveable is starting one panel row
ahead of the moveable of the wing, which is very odd. This forward placement of the suction peak is
increasing the pressure distribution in front of the moveable and hence resulting in a higher side force
coefficient for the ’normal rotation’ model. This higher side force coefficient, in turn, increases the roll
and yaw moment coefficients of the ’normal rotation’ model.

Figure 6.37: Pressure distribution of the vertical tail at 3m from the fuselage center line with deflection 33 degrees for the
rudder, ’normal rotation’ option
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Figure 6.38: Pressure distribution of the vertical tail at 3m from the fuselage center line with deflection 33 degrees for the
rudder, ’transition surface’ option

6.5.3. Conclusion
The aerodynamic simulations in VSAERO are unstable when the Fokker100 models are simulated
under high slip angles. These instabilities are caused by the improper stitching of the root wake lines
of the main wing, where the wake of the main wing is intersecting the aft part of the fuselage during the
wake relaxation process in VSAERO.

The lateral characteristics of both the ’normal rotation’ model and the ’transition surface’ are almost
identical to each other when the deflection angles of the control surfaces are zero. The side force curve
of the models was underestimated, which is caused by the underestimation of the side force of the main
wing. The yaw moment and the roll moment curves of the models were overestimated.

Deflecting the aileron primarily affects the roll moment coefficients of both models since the primary
function of the ailerons is to change the lift distribution over the wing to control the roll rate of the aircraft.
The roll moment curve is also the curve with the largest deviation from the reference curve and this
deviation is the smallest for the ’transition surface’ model.

Deflecting a rudder has a huge impact on the prediction capabilities of the two models. The ’nor-
mal rotation’ moveable model predicts the trend line of the reference curve quite well, while the error
between the model’s data and the reference data are bigger than the error for the ’transition surface’
moveable model. The difference between the two models is caused by the different location of the
suction peak of the moveables. The suction peak of the moveable for the ’normal rotation’ moveable
is located more to the front and this increases the side force of the vertical tail.

6.6. Conclusion
VSAERO settings
The runtime and accuracy of the aerodynamic solver VSAERO can be tuned by changing the type of
solver or the number of wake and viscous iterations.

Two solvers were tested and they were the direct solver LAPACK and the indirect solver LAPACK
BGS. The results show that the indirect solver is the better solver since its runtime is half of the runtime
of the direct solver, while the difference in the results was negligible.

Wake iterations are more resource intensive than viscous iterations and this is reflected in the run-
time. The runtime of one wake iteration is approximately equal to the runtime of 7 viscous iterations.
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Wake iterations converge very quickly and 3 to 5 iterations are usually needed for convergence. The
convergence of the viscous iterations, on the other hand, is very dependent on the testing conditions.
For low angle attack, the Fokker100 model requires 15 viscous iterations, while for high angle of attack
5 iterations were needed for convergence.

Model settings
The accuracy of the results generated by VSAERO is very dependent on how the models are con-
structed. This thesis has investigated the impact of the panel density, the shape of the wake lines and
congruent versus incongruent mesh models on the accuracy of the results.

The panel density can be varied in the chordwise and in the spanwise direction. Varying the chord-
wise density mainly influences the suction peak of the wing. More chordwise panels mean a more
accurate prediction of the suction peak. The spanwise density, on the other hand, affects the root and
tip performance of the wing. The impact of the spanwise panel density on the root lift distribution is only
relevant at low angle of attack or at side slip angles, while the tip performance is only relevant at high
angle of attack. A higher spanwise density at the root and at the tip produces a smoother spanwise lift
distribution with higher lift at the root and lower lift at the tip

The impact of the start shape of the wake line is very dependent on the aircraft model and its testing
conditions. The shape of the wake lines is irrelevant if none of the aircraft wakes is intersecting a
component of the aircraft model. If a wake is intersecting another component than the wake line shape
is very important. The wake line has to be modelled such that the wake does not intersect any other
aircraft components during the wake relaxation.

Two meshing methods were investigated and they were the incongruent and congruent meshing
method. The incongruent meshing method meshed all the aircraft components separately. This will
result in a panel model, where the mesh grids of two neighbouring components are not aligned with
each other at the intersection between the components of the aircraft. For the congruent method the
aircraft is modelled as one panel model and themesh grids of two neighbouring components are aligned
at the intersection between the components. The results show that the congruent meshing method is
the better method for discretizing an aircraft model to a panel model since the incongruent meshing
method is incapable in predicting the interaction of the two neighbouring components accurately.

Longitudinal and Lateral-Directional Characteristics
The wing with moveable model with a gap between the sides of the moveable and the wing is unstable.
The instability is caused by the presence of the gap. The presence of the gap creates a low pressure
area, which accelerates the surrounding airflow. The surrounding airflow is accelerated to a ridiculous
amount due to the fact VSAERO uses first order potential method for modelling the airflow. A first order
panel method does not take into account the viscous effects. VSAERO does employ a boundary layer
integral method to compute the viscous effects but this method does not prevent the creation of the very
low pressure area around the gap between the wing and the moveable. This flaw makes the moveable
modelling method with a gap between the wing and moveable useless.

The longitudinal and the lateral-directional characteristics of both the ’normal rotation’ and the ’tran-
sition surface’ moveable models are almost identical to each other. But this is only true if the deflection
angles of all the moveables/control surfaces are zero. Also, both models underestimate the drag of the
aircraft, which is caused by the lack of the engines, engine pylons and dorsal fin for the aircraft models.
The trend of the drag curve, on the other hand, is predicted quite good.

Some differences between the ’normal rotation’ and the ’transition surface’ model can be observed
when the moveables are deflected. Deflecting a moveable creates a suction peak at the aft part of the
wing. The location of this suction peak is different for the two moveable models. The suction peak of
the ’normal rotation’ model is located on the wing in front of the start of the moveable. The suction
peak of the ’transition surface’, on the other hand, is located at the start or slightly behind the start of
the moveable. The effect of the different locations of the suction peak is that a suction peak on the
wing will generate less induced drag than a suction peak located on the deflected moveable. The lift
generated by the suction peak of ’normal rotation’ moveable is pointed less to the aft when compared to
the suction peak of ’transition surface’ model. The results is a lower induced drag and a slightly higher
lift for the ’normal rotation’ model.

The wrong placement of the suction peak of the moveables makes the prediction capability of the
’normal rotation’ model inferior to the prediction capability of the ’transition surface’ model when the
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moveables are deflected. The ’normal rotation’ model is also the model that has the highest deviation
in the lift, drag and side force of the aircraft when compared to the reference data. So it is recommended
to use the ’transition surface’ modelling option for the moveable.





7
Validation of Stability & Control

Derivatives
One of the research goals of this thesis is to compute the stability & control derivatives using the
parametric aircraft modelling tool MMG and the aerodynamic solver VSAERO. These derivatives can
be used to analyse the handling qualities and the stability of the aircraft model.

Section 7.1 will show the method that has been used to derive the stability & control derivatives for
the Fokker100 model. The simulated derivatives are then validated in section 7.2 by comparing it to the
reference data, while section 7.3 investigates the impact of these derivatives on the stability modes.

7.1. Derivation Method
Stability & control derivatives are parameters that measure the rate of how fast the forces and moments
of an aircraft changes by varying the flight conditions such as flight speed, angle of attack, elevator
deflection etc. These derivatives are used to determine the stability of the aircraft during a disturbed
motion around an equilibrium condition. The equilibrium condition assumes that the aircraft is flying
steadily with no manoeuvres that drastically changes the flight conditions.

Figure 7.1: The attitude of the stability reference frame relative to the Xr- and Zr-axis, after a disturbance from the equilibrium
flight condition [21]
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Figure 7.1 shows the attitude of the stability reference frame with all the relevant parameters of the
aircraft for deriving the stability & control derivatives. 𝛼ኺ is the angle of attack of the initial equilibrium
condition with no other disturbances. The axis denoted with a 𝑆 is the stability reference frame with the
X-axis pointing in the flight direction of the aircraft at the initial equilibrium condition.

The stability & control derivatives that is derived using the stability reference frame are given in
figures 7.2 and 7.3. These figures show the derivatives that are relevant for performing an analysis on
the stability and the handling qualities of an aircraft.

Figure 7.2: Definitions of the stability derivatives. Left: symmetric motions - Right: asymmetric motions. [21]

Figure 7.3: Definitions of the control derivatives. Left: symmetric motions - Right: asymmetric motions. [21]

Not all the stability & control derivatives shown in figure 7.2 and 7.3 can be derived using the aero-
dynamic solver VSAERO. These derivatives are the derivatives with respect to �̇�, derivatives with
respect to �̇� and derivatives with respect 𝛿፭. The remaining derivatives can be derived and these are
the derivatives with respect to airspeed 𝑢, angle of attack 𝛼, slip angle 𝛽, pitch rate 𝑞, roll rate 𝑝, yaw
rate 𝑟, elevator angle 𝛿፞, aileron angle 𝛿ፚ and rudder angle 𝛿፫. The derivatives with respect to an
angle are computed in radians and not in degrees.
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10 simulations of the aircraft model are performed in VSAERO to derive the stability & control deriva-
tives. One simulation is performed at the initial equilibrium condition of the aircraft, while the other nine
simulations represent the different disturbed conditions of the model. These disturbed conditions is
almost similar to the equilibrium condition, but with a slight variation in 𝑢, 𝛼, 𝛽, 𝑞, 𝑝, 𝑟, 𝛿፞, 𝛿ፚ or 𝛿፫.
Each simulation of the nine simulations is then used together with the equilibrium data to derive a set
of derivatives.

As an example, one simulation has increased the angle of attack of the equilibrium condition to
an angle which is denoted as 𝛼. The stability derivatives 𝐶ፗᑦ , 𝐶ፙᑦ and 𝐶፦ᑦ can then be derived by
determining the slope of the curve between the two corresponding data points. Expressed in a formula
form, 𝐶ፗᑦ , 𝐶ፙᑦ and 𝐶፦ᑦ will become equation 7.1, 7.2 and 7.3 respectively. Parameters denoted with 0
are the parameters from the equilibrium condition, while the other parameters are the parameters from
the current simulation.

𝐶ፗᒆ =
𝐶ፗ − 𝐶ፗᎲ
𝛼 − 𝛼ኺ

(7.1)

𝐶ፙᒆ =
𝐶ፙ − 𝐶ፙᎲ
𝛼 − 𝛼ኺ

(7.2)

𝐶፦ᒆ =
𝐶፦ − 𝐶፦Ꮂ
𝛼 − 𝛼ኺ

(7.3)

All the other derivatives can be derived in a similar fashion as shown in the example above except for
the derivatives with respect to the airspeed 𝑢. Figure 7.2 shows that 𝐶ፗᑦ , 𝐶ፙᑦ and 𝐶፦ᑦ are not equal
Ꭷፂᑏ
Ꭷ፮ ,

Ꭷፂᑑ
Ꭷ፮ and Ꭷፂᑞ

Ꭷ፮ respectively. The derivatives are determined using equations 7.4, 7.5 and 7.6, which
are given by the reader of the flight dynamics course [21].

𝐶ፗᑦ = 2𝐶ፗᎲ + (
𝜕𝑇
𝜕𝑉 − 𝜕𝐶ፃ𝜕𝑉 )𝑉 (7.4)

𝐶ፙᑦ = 2𝐶ፙᎲ + (−
𝜕𝐶ፋ
𝜕𝑉 − 𝜕𝑇𝜕𝑉 (𝛼ኺ + 𝑖፩))𝑉 (7.5)

𝐶፦ᑦ = 2𝐶፦Ꮂ +
𝜕𝐶፦
𝜕𝑉 𝑉 (7.6)

7.2. Results
This section determines the accuracy of the stability & control derivatives of the Fokker100 models
by comparing it with the reference data of the Fokker100 [20]. The stability & control derivatives of
the different Fokker100 models are determined around the initial equilibrium condition given in table
7.1 and around the reference point given in table 7.2. The stability & control derivatives of the different
Fokker100 models are given in table 7.3 and 7.4. Table 7.3 shows the longitudinal derivatives, while ta-
ble 7.4 shows the lateral derivatives. The derivatives given in the tables are divided into static, dynamic
and control derivatives. Most of the reference derivatives of table 7.3 and 7.4 are from the Fokker100
report [20] except for the derivatives with respect to the pitching velocity. The derivatives 𝐶ፙᑢ and 𝐶፦ᑢ

Table 7.1: Fokker100 initial equilibrium condition

Variable Value Unit

Altitude 2000 [m]
Mach number 0.3 [-]
Reynolds number 20.3 ⋅ 10ዀ [-]
Angle of attack 𝛼ኺ 5 [deg]
Slip angle 𝛽ኺ 0 [deg]

Table 7.2: Reference parameters for the stability and control derivatives

Variable Value Unit

Chord 3.83 [m]
Area 93.5 [mኼ]
Span 28.08 [m]
Center of gravity, X-coordinate 16.95 [m]
Center of gravity, Y-coordinate 0.00 [m]
Center of gravity, Z-coordinate -0.25 [m]
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of the reference data are not available and these derivatives are estimated using using equation 7.7
and 7.8 from the flight dynamics reader [21]. This means that 𝐶ፙᑢ and 𝐶፦ᑢ are just rough estimates
and does not represents the actual value of the Fokker100.

Table 7.3: Longitudinal stability & control derivatives with ᎎ = 5 degree and ᎏ = 0 degree

Derivatives Reference
Clean Normal rotation Transition surface

Value Difference** Value Difference** Value Difference**

St
at
ic

𝐶ፗᑦ -0,006 -0,004 24,8 -0,010 71,8 -0,017 195,3

𝐶ፙᑦ -1,582 -1,616 2,2 -1,641 3,7 -1,657 4,8

𝐶፦ᑦ -0,138 -0,133 3,5 -0,157 13,9 -0,166 20,2

𝐶ፗᒆ 0,445 0,477 7,1 0,457 2,6 0,448 0,7

𝐶ፙᒆ -5,998 -5,972 0,4 -6,075 1,3 -6,172 2,9

𝐶፦ᒆ -1,617 -1,735 7,3 -1,508 6,8 -1,463 9,5

D
yn
am

ic 𝐶ፗᑢ 0,000 0,267 0,313 0,267

𝐶ፙᑢ -4,804* -6,900 43,6 -6,833 42,2 -7,010 45,9

𝐶፦ᑢ -11,947* -15,170 27,0 -15,700 31,4 -15,297 28,0

C
on
tro
l 𝐶ፗᒉᑖ -0,029 -0,040 36,9 -0,043 49,0

𝐶ፙᒉᑖ -0,346 -0,543 57,0 -0,506 46,5

𝐶፦ᒉᑖ -1,466 -2,272 55,0 -2,204 50,3

* Rough estimation based on equation 7.7 and 7.8.
** Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.

𝐶ፙᑢ = −2𝐶ፍᑙᒆ (
𝑉፡
𝑉 )

ኼ 𝑆፡𝑙፡
𝑆 ⋅ 𝑀𝐴𝐶 (7.7)

𝐶፦ᑢ = −1.1𝐶ፍᑙᒆ (
𝑉፡
𝑉 )

ኼ 𝑆፡𝑙ኼ፡
𝑆 ⋅ 𝑀𝐴𝐶ኼ

(7.8)

Examining table 7.3 shows us that the static derivatives are predicted quite well, where the most deriva-
tives have error percentages of below ten percent except for 𝐶ፗᑦ . The error percentage of 𝐶ፗᑦ is ir-
relevant since the reference value is so small that it is negligible. The dynamic derivatives seem to be
overestimated by approximately thirty-six percent, but this error percentage does not say a lot since the
reference values are rough estimates. The control derivatives, on the other hand, are the derivatives
which have the highest error percentage when compared to the static and dynamic derivatives. The
average error for the control derivatives is approximately fifty percent.

Table 7.4 shows us that lateral static derivatives are less accurate than the longitudinal static deriva-
tives with an average error percentage of fourteen percent. The dynamic derivatives with respect to
the roll rate are the most accurate when compared to the derivatives with respect to yaw rate. The av-
erage error for the roll rate derivatives is seventeen percent while the average error for the yaw rate is
twenty-eight percent. The lateral control derivatives are predicted more accurately than the longitudinal
control derivatives with an average error of 30 percent excluding 𝐶፧ᒉᑒ since it is negligibly small.

Table 7.3 and 7.4 shows that neither the ’normal rotation’ or the ’transition surface’ modelling options
is outperforming the other. The ’normal rotation’ option seems to be more accurate in the longitudinal
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stability derivatives and lateral control derivatives, but the ’transition surface’ option is more accurate
in the lateral stability derivatives and the longitudinal control derivatives.

The conclusion is that the derivatives of the different models are quite acceptable with the static
derivatives are predicted as the most accurate with an average error of seven percent. The control
derivatives, on the other hand, are the least accurate with an average error of 40 percent. Also, the
overall performance of two moveable modelling options is that they are performing equally well. The
’normal rotation’ option is more accurate in the lateral control derivatives while the ’transition surface’
option is more accurate in the longitudinal control derivatives.

Table 7.4: Lateral stability & control derivatives with ᎎ = 5 degree and ᎏ = 0 degree

Derivatives Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

St
at
ic

𝐶ፘᒇ -0,707 -0,588 16,9 -0,594 15,9 -0,593 16,0

𝐶፥ᒇ -0,089 -0,107 19,9 -0,100 12,6 -0,098 9,7

𝐶፧ᒇ 0,107 0,119 10,3 0,122 13,7 0,121 12,2

D
yn
am

ic

𝐶ፘᑡ 0,345 0,280 18,7 0,198 42,5 0,281 18,6

𝐶፥ᑡ -0,467 -0,519 11,1 -0,451 3,5 -0,537 14,9

𝐶፧ᑡ -0,098 -0,089 9,4 -0,069 30,3 -0,087 11,8

𝐶ፘᑣ 0,835 0,415 50,3 0,461 44,8 0,471 43,6

𝐶፥ᑣ 0,187 0,249 33,4 0,226 21,2 0,227 21,5

𝐶፧ᑣ -0,199 -0,172 13,2 -0,165 17,0 -0,218 9,7

C
on
tro
l

𝐶ፘᒉᑒ 0,000 0,024 0,023

𝐶፥ᒉᑒ -0,152 -0,196 29,3 -0,198 30,1

𝐶፧ᒉᑒ 0,001 0,004 542,2 0,004 680,9

𝐶ፘᒉᑣ 0,127 0,168 32,3 0,181 42,7

𝐶፥ᒉᑣ 0,011 0,019 72,8 0,020 77,7

𝐶፧ᒉᑣ -0,066 -0,085 29,0 -0,091 38,1

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.

7.3. Stability Motions
This section investigates the effects of the stability derivatives of the different models on the stability
modes of the aircraft. The longitudinal stability of the aircraft is the main focus of section 7.3.1, while
section 7.3.2 investigates the lateral stability of the aircraft.

The flight dynamics for the analysis of the longitudinal and the lateral motions are modelled as a
second order differential equations. The aircraft system for deriving the differential equation is a simple
system with a mass 𝑚, a spring 𝑘 and a damper 𝑐. The differential equation for this aircraft system is
written as

𝐹(𝑡) = 𝑚𝑑
ኼ𝑥
𝑑𝑡ኼ + 𝑐

𝑑𝑥
𝑑𝑡 + 𝑘𝑥 (7.9)
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The solution for deriving the oscillating motions can be found by assuming the following

𝑥 = 𝐴𝑒᎘፭ (7.10)

The characteristic equation of the second order differential equation can be derived by substituting
equation 7.10 into equation 7.9, which is given by equation 7.11. Equation 7.11 can be rewritten to
the form given by equation 7.12, where 𝜁 is the damping ratio and 𝜔፧ is the natural frequency of the
system.

𝜆ኼ + 𝑐
𝑚𝜆 +

𝑘
𝑚 = 0 (7.11)

𝜆ኼ + 2𝜁𝜔፧𝜆 + 𝜔ኼ፧ = 0 (7.12)

The eigenvalues of the characteristic equation can be defined as equation 7.13 or equation 7.14, where
𝜂 is the damping response of the system and 𝜔 is damped natural frequency.

𝜆ኻ,ኼ = −𝜁𝜔፧ ± 𝑖𝜔፧√1 − 𝜁ኼ (7.13)

𝜆ኻ,ኼ = 𝜂 ± 𝑖𝜔 (7.14)

The damped natural frequency 𝜔 can be used to derived the period of the oscillation, which is governed
by equation 7.15. The damping response 𝜂, on the other hand, is used to determine the time for halving
or doubling the amplitude of the oscillating motion.

𝑃 = 2𝜋
𝜔 (7.15)

𝑡 Ꮃ
Ꮄ
𝑜𝑟 𝑡ኼ =

𝑙𝑛2
|𝜂| (7.16)

7.3.1. Longitudinal Motion
For the longitudinal stability, the phugoid and the short period modes are the oscillating motions that is
investigated in this subsection.

The phugoid mode is very slow occurring oscillation, where the energy of the aircraft is slowly
interchanged between the kinetic and the potential energy. This motion is characterised by changing
pitch angle, airspeed and altitude. The natural frequency and the damping ratio of the phugoid mode
can be approximated by the following equations [22].

𝜔፧ᑡ = √
−𝑍፮𝑔
𝑢ኺ

(7.17)

𝜁፩ =
−𝑋፮
2𝜔፧ᑡ

(7.18)

The short period mode is a fast oscillating motion in order of a few seconds. This oscillating motion
primarily affects the pitch angle of the aircraft, where the pitch angle changes very rapidly around its
centre of gravity. The natural frequency and the damping ratio of the short period mode are approxi-
mated using the equations below [22].

𝜔፧ᑤᑡ = √
𝑍ᎎ𝑀፪
𝑢ኺ

−𝑀ᎎ (7.19)

𝜁፬፩ = −
𝑀፪ +𝑀ᎎ̇ + ፙᒆ

፮Ꮂ
2𝜔፧ᑤᑡ

(7.20)

The natural frequency 𝜔፧, the damping ratio 𝜁, the period 𝑃 and the time to halving the amplitude 𝑡 Ꮃ
Ꮄ

of the phugoid and short period modes are shown in tables 7.5 and 7.6 respectively. An eigenvalue
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plot of the phugoid mode and the short period mode is shown in figure 7.4. The eigenvalues for the
phugoid mode are located on the right side of the figure, while the short-period mode is located on the
left side of the figure.

The natural frequency and the period of the simulation data for the phugoid mode are approximated
quite well with a difference of approximately of 2 percent. The damping ratio and the time to halving
the amplitude of the motion, on the other hand, is predicted very bad with a difference ranging from 30
percent to 200 percent. This huge difference is caused by the differences in the 𝐶ፗᑦ of the reference
data and the simulation data since the damping ratio is dependent on the force derivative 𝑋፮. Also note
that the damping ratio of the phugoid mode is very small, which exaggerate the error percentages. The
small differences between the damping ratios of the reference data and of the simulated data cannot
be observed in the eigenvalue plot of figure 7.4.

The short period mode for all the models are predicted quite well since the differences in the period
and the time to halving the period are below ten percent.

Overall the ’normal rotation’ modelling option performance slightly better than the ’transition surface’
option. Except for the damping ratio of the phugoid mode, the damping ratio of the ’normal rotation’
option performance almost three times better than the ’transition surface’ option.

Table 7.5: Comparison of the phugoid mode for the reference data and simulation data

Phugoid mode

Parameter Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

𝜔፧ [1/𝑠] 0,145 0,147 1,1 0,148 1,9 0,149 2,3

𝜁 [−] 0,0026 0,0018 29,2 0,0045 75,7 0,0077 197,2

𝑡 Ꮃ
Ꮄ
[𝑠] 1854,7 2591,1 39,7 1036,4 44,1 609,7 67,1

𝑃 [𝑠] 43,3 42,9 1,0 42,5 1,8 42,5 1,9

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.

Table 7.6: Comparison of the short period mode for the reference data and simulation data

Short period mode

Parameter Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

𝜔፧ [1/𝑠] 1,93 2,09 8,4 1,89 2,0 1,85 4,3

𝜁 [−] 0,264 0,257 2,8 0,290 9,9 0,299 13,1

𝑡 Ꮃ
Ꮄ
[𝑠] 1,4 1,3 5,1 1,3 7,1 1,3 7,6

𝑃 [𝑠] 3,4 3,1 7,9 3,5 2,8 3,6 5,6

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.
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Figure 7.4: Eigenvalue plot of the phugoid mode and the short period mode

7.3.2. Lateral Motion
The spiral mode, the roll mode and the Dutch roll mode are the oscillation modes of the lateral motion
of the aircraft that is inspected in this subsection.

The spiral mode is inherent to all aircraft and this mode is often slow and unstable. This motion
is usually initiated by a small roll disturbance. This small rolling motion causes a small non-negligible
yawing motion, which in turn can increase the rolling motion if the aircraft is unstable. The eigenvalues
of the spiral mode is approximated using equation 7.21 [22].

𝜆፬፩።፫ፚ፥ =
𝐿ᎏ𝑁፫ − 𝐿፫𝑁ᎏ

𝐿ᎏ
(7.21)

The roll mode is a fast motion related to the rolling motion of the aircraft itself. This motion describes if
the aircraft continues to roll when the aircraft is experiencing a rolling moment or it stops and reverts to
the equilibrium condition. The eigenvalue of this roll mode is approximated by the following equation
[22].

𝜆፫፨፥፥ = 𝐿፩ (7.22)

The Dutch roll mode is an oscillatory motion that consists of rolling motion and damped yawing motion.
The natural frequency and the damping ratio can be approximated using equations 7.23 and 7.24
respectively [22].

𝜔፧ᑕᑣ = √
𝑌ᎏ𝑁፫ − 𝑁ᎏ𝑌፫ + 𝑢ኺ𝑁ᎏ

𝑢ኺ
(7.23)

𝜁፝፫ = −
1

2𝜔፧ᑕᑣ
𝑌ᎏ + 𝑢ኺ𝑁፫

𝑢ኺ
(7.24)
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Equations 7.21 and 7.22 shows that the solution for the eigenvalue does not consist of a complex value,
which means that 𝜔 is equal to 0 and 𝜁 must either be 1 or -1. The standard form of the eigenvalue can
be simplified to equation 7.25. This equation tells us that 𝜁 must be -1 if 𝜆 is bigger than 0 or 𝜁 must be
1 if 𝜆 is lower than 0 since the natural frequency can never be negative.

𝜆 = −𝜁𝜔፧ (7.25)

Table 7.7 shows the results for the spiral mode and the eigenvalues are shown in the eigenvalue plot
of figure 7.5. The eigenvalues of the spiral mode are located on the positive real axis of figure 7.5.
The eigenvalue plot shows that the spiral mode is unstable for all the models and the reference data
since the damping response 𝜂 is positive. Table 7.7 shows that the accuracy of the simulations is very
bad. The differences in the natural frequency range from 144 percent for the ’transition surface’ option
to 335 percent for the ’normal rotation’ option. The bad accuracy is attributed to the very small value
of the natural frequency 𝜔፧. The eigenvalue plot shows that the spiral modes are predicted quite well
since they are clustered closely together.

Table 7.7: Comparison of the spiral mode for the reference data and simulation data

Spiral mode

Parameter Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

𝜔፧ [1/𝑠] 0,0221 0,0909 312,4 0,0960 335,1 0,0540 144,7

𝑡ኼ [𝑠] 31,4 7,6 75,7 7,2 77,0 12,8 59,1

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.
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Figure 7.5: Eigenvalue plot of the spiral mode, roll mode and the dutch roll mode
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The results of the roll mode is displayed in table 7.8 and the eigenvalues of the roll mode are located
on the left side of figure 7.5. The eigenvalue plot of figure 7.5 shows that the roll mode is stable for all
the models and reference aircraft. The difference in the natural frequency is very acceptable with the
lowest value 3.4 percent for the ’normal rotation’ option and the maximum value of 15 percent for the
’transition surface’ model.

The characteristics of the Dutch roll mode for the different data sets are given in table 7.9. The
eigenvalues of the Dutch roll mode are also plotted in the eigenvalue plot of figure 7.5. The eigenvalues
are located on the top right side and the bottom right side of figure 7.5. The natural frequency of the
different models is predicted quite well with an average difference of approximately 6 percent. The
accuracy of the damping ratio is predicted quite well for the ’transition surface’ option with a difference
of 5.2 percent while the difference for the clean wing model and the ’normal rotation’ model is around
twenty percent.

The ’normal rotation’ option is better in predicting roll mode of the models, while the ’transition
surface’ option is the better in predicting the spiral and Dutch roll modes.

Table 7.8: Comparison of the roll mode for the reference data and simulation data

Roll mode

Parameter Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

𝜔፧ [1/𝑠] 2,73 3,03 11,1 2,64 3,4 3,14 15,0

𝑡 Ꮃ
Ꮄ
[𝑠] 0,25 0,23 10,0 0,26 3,5 0,22 13,0

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.

Table 7.9: Comparison of the Dutch roll mode for the reference data and simulation data

Dutch roll mode

Parameter Reference
Clean Normal rotation Transition surface

Value Difference* Value Difference* Value Difference*

𝜔፧ [1/𝑠] 0,814 0,856 5,2 0,866 6,4 0,864 6,2

𝜁 [−] 0,164 0,133 18,8 0,128 21,5 0,155 5,2

𝑡 Ꮃ
Ꮄ
[𝑠] 5,2 6,1 17,0 6,2 19,8 5,2 0,7

𝑃 [𝑠] 7,8 7,4 5,4 7,3 6,5 7,4 6,0

* Difference in percentage and is computed as the absolute value of ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ዅፚ፭፮ፚ፥ ፯ፚ፥፮፞ፑ፞፟፞፫፞፧፞ ፯ፚ፥፮፞ ∗ 100.

7.3.3. Conclusion
The phugoid, short period and Dutch roll modes are the modes that are exhibiting oscillating motions.
The natural frequencies of these modes are predicted quite well, which has an average difference of
five percent. The accuracy of the damping ratio, on the other hand, is very dependent on the type of
mode. The mode that has the worst damping ratio is the phugoid mode, which has differences ranging
from 29 percent for ’normal rotation’ option to 197 percent for the ’transition surface’ option. The most
accurate damping ratio is the damping ratios of the short period mode, which has an average difference
of nine percent. But note that the damping ratio of the models for the phugoid mode is very small, which
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exaggerate the error percentage of the damping ratio. The phugoid mode is predicted quite good when
eigenvalues of the phugoid mode are plotted in an eigenvalue plot. The eigenvalues of the phugoid
mode are clustered very closely together.

The spiral and the roll mode are the non-oscillating modes. The accuracy of the natural frequency
for the roll mode is acceptable with an average error of ten percent. The accuracy of the spiral modes
is predicted quite good when the eigenvalues of the spiral mode are plotted in an eigenvalue plot. The
eigenvalues of the spiral mode are located closely together.

The ’normal rotation’ option is the slightly better option for predicting the phugoid and the short
period mode. Except for the damping ratio of the phugoid mode, the damping ratio of this mode is
predicted three times better by the ’normal rotation’ option. The ’transition surface’ option, on the other
hand, is better in predicting the spiral and Dutch roll modes, while the ’normal rotation’ option is better
in predicting the roll mode.





8
Conclusion & Recommendations

8.1. Conclusion
This thesis is part of a project that focuses on developing an optimisation framework for dynamically
scaled flight testing. The optimisation framework must design the scale model and the flight test such
that the performance of the scale model is representative to the full-scale aircraft. This thesis con-
tributes to the optimisation module that optimises the aerodynamics of the scale model. This thesis
contributes to this framework by focusing on the development of a parametric model that is capable of
deriving the stability and control derivatives.

The objective of this thesis is to create a generic parametric model that can be coupled with a first
order panel method tool with an integral boundary layer method to derive the stability & control deriva-
tives of the model. The goals of the thesis are mostly related to the construction of the parametric
model with moveables for the VSAERO tool such that it produces acceptable aerodynamic results.
The most important goal is how to model the trailing edge moveables in VSAERO. Three modelling
options were investigated and they are the ’normal rotation’, ’transition surface’ and ’gap’ moveable
modelling options. The ’normal rotation’ option is a mathematical operation in VSAERO that rotates
the normal vectors of the body panels that represents the moveable. The ’transition surface’ option is
a model with moveables that are not-slotted and has transition surfaces in the spanwise direction. The
’gap’ option is also a wing with not-slotted moveable but without transition surfaces in the spanwise
direction. The research goals of this thesis were:

• Determine the best option out of the three proposed moveable options to model the moveables
of a wing for an aerodynamic solver that is based on the first order panel method.

• Compute the stability & control derivatives of the parametric model and investigate the accuracy
of these derivatives.

Out of the three modelling options, the not-slotted moveable model with a gap between the sides of
the moveable and the wing was useless in VSAERO. The model was unstable due to the presence of
the gap. The gap creates a very low pressure locally, which accelerates the surrounding airflow to a
ridiculously high value. This flaw makes the moveable modelling method with a gap between the wing
and moveable infeasible for a first order panel method like VSAERO.

No differences between the ’normal rotation’ and the ’transition surface’ options were observed
when the moveable deflection angle was zero. Some differences between the two remaining modelling
options were observed when the moveables were deflected.

Some differences between the ’normal rotation’ and the ’transition surface’ model can be observed
when the moveables are deflected. Deflecting a moveable creates a suction peak at the aft part of the
wing. The location of this suction peak is different for the two moveable models. The suction peak of
the ’normal rotation’ model is located on the wing in front of the start of the moveable. The suction
peak of the ’transition surface’ on the other hand is located at the start or slightly behind the start of
the moveable. The effect of the different locations of the suction peak is that a suction peak on the
wing will generate less induced drag than a suction peak located on the deflected moveable. The lift
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generated by the suction peak of ’normal rotation’ moveable is pointed less to the aft when compared to
the suction peak of ’transition surface’ model. The results is a lower induced drag and a slightly higher
lift for the ’normal rotation’ model. The error margin between the minimum drag coefficient of a model
and the reference data is larger for the ’normal rotation’ model than for the ’transition surface’ model.

The results of stability & control derivatives for ’normal rotation’ and the ’transition surface’ were
quite acceptable with the static derivatives as the most accurate derivatives with an average error of
seven percent. The control derivatives, on the other hand, was the least accurate with an average
error of 40 percent. The overall performance of the two moveable modelling options is that they were
performing equally well when only the accuracy of the derivatives was observed. The ’transition surface’
modelling option was more accurate in the prediction of lateral stability derivatives and the longitudinal
control derivatives, while the ’normal rotation’ option was more accurate in predicting the longitudinal
stability derivatives and the lateral control derivatives and. But the accuracy of the side force, yaw
moment and roll moment due to the deflecting control surface were very bad for the ’normal rotation’
option when it is compared to the accuracy of the ’transition surface’ option.

The effects of simulated derivatives on the stability motions were investigated using equations that
approximated the eigenmotions of the aircraft. The predictions of the stability motions were acceptable.
The ’normal rotation’ option was slightly better in predicting the phugoidmode and the short periodmode
than the ’transition surface’ option. The ’normal rotation’ was better in predicting the roll mode of the
aircraft, while the ’transition surface’ option was better in predicting the spiral and the Dutch roll mode.

The validation of the aerodynamic characteristics of the Fokker100 aircraft has shown that the ’tran-
sition surface’ modelling option is the better option because it produced more accurate aerodynamic
results than the ’normal rotation’ modelling option. The validation of the stability and control derivatives,
on the other hand, has shown that neither of the options is better than the other one. Both moveable
modelling options have its strengths and weakness when concerning the prediction of the stability and
control derivatives. Thus based on the accuracy of the aerodynamic characteristics, the ’transition
surface’ modelling option is the best option for modelling the moveables of a first order panel method
solvers like VSAERO.

8.2. Recommendations
This section lists some recommendations about some future work that can be performed on the para-
metric aircraft tool called Multi-Model Generator. Also, some other general recommendations are given
that are related to the thesis and the aerodynamic solver VSAERO.

General

• The validation of the different moveable options were only performed on the Fokker100 aircraft.
Different validations should be carried with different aircraft models.

• Investigate the effect of the boundary layer integral method. Since this investigation was not
conducted in this thesis and the standard VSAERO values were used to for the boundary layer
calculations. The results have shown that the drag was underestimated while using viscous
iterations to produce the results.

• The effect of the shape of the stitched wake lines of the wings was investigated a little bit in this
thesis. Future work can investigate this further in more details with a lot more different shapes
for the stitched wake lines.

• The coupling of the Multi-Model Generator and the aerodynamic solver VSAERO can be au-
tomated, such that it automatically starts running VSAERO with the output file created by the
mesher tool.

• A coupling should be made between Multi-Model Generator, VSAERO and the flight mechanics
toolbox of Mark Voskuijl to analyse the effect of stability & control derivatives on the stability and
the handling qualities of the aircraft model.
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Dynamically scaled flight testing

• Create a scale model and a full-scale model and compare the results with each other and validate
it against reference data.

• Investigate the accuracy of the scale models at high Mach number, where there are compress-
ibility effects.

• Create an optimisation framework that optimises the shape of the aircraft to reduce the aerody-
namic differences between the scale model and the full-scale model.

• Couple the aerodynamic optimisation process with the optimisation process that optimises the
mass distribution of the scale model.

Multi-Model Generator

• The moveables are currently working for the trailing edges moveables. This tool can be expanded
to include the leading moveables.

• The current moveable modelling code does not allow the moveable to cross the kink of the wing.
Expand this code such that is possible to model a moveable that goes beyond the kink of the
wing.

• Expand the code for generating different possible stitching edges for the wing wake. The current
version can only produce one stitching edge that does not change when flight conditions are
changed.

• The current aircraft mesher can only mesh the wing, where there is an intersection on both sides
of the wing like a T-tail. The mesher will not work if there is only one intersection at one side of the
wing like a vertical fin on the blended wing body aircraft. So future work can expand this mesher
or create a new mesher that can cope with this flaw.

• Expand or create a new meshing tool such that it produce models for CFD simulations.

• Expand or create a new moveable modelling code to include flaps and slats with more than one
element.





A
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Table A.1: Scale factors for Froude, Mach and Reynolds scaling principles related to atmospheric test conditions [3].

Parameter Ratio
Scaling factor

Froude scaling Mach scaling Reynolds scaling

Length 𝑙፦/𝑙ፚ 𝑛 𝑛 𝑛

Vehicle attitude 𝛼ᖣ፦/𝛼ᖣፚ 1 1* 1*

Control surface deflection 𝛿፦/𝛿ፚ 1 1 1

Froude number (ፕᎴ፥፠ )፦ /(
ፕᎴ
፥፠ )ፚ 1 ፠ᑒ

፠ᑞ (
ፕᑊ,ᑞ
ፕᑊ,ᑒ )

ኼ ኻ
፧ = 1**

፠ᑒ
፠ᑞ (

ᑞ
ᑒ )

ኼ ኻ
፧Ꮅ = 1**

Mach number ( ፕፕᑊ )፦ /(
ፕ
ፕᑊ )ፚ 𝑛ኻ/ኼ ፕᑊ,ᑒፕᑊ,ᑞ 1 ኻ

፧
ᑞ
ᑒ

ፕᑊ,ᑒ
ፕᑊ,ᑞ

Reynolds number (ፕ፥ )፦ /(
ፕ፥
 )ፚ

ᑒ
ᑞ𝑛

ኽ/ኼ ᑒ
ᑞ

ፕᑊ,ᑞ
ፕᑊ,ᑒ 𝑛 1

Gravity field 𝑔፦/𝑔ፚ 1 (ፕᑊ,ᑞፕᑊ,ᑒ )
ኼ ኻ
፧ (ፕᑞፕᑒ )

ኼ ኻ
፧

Velocity 𝑉፦/𝑉ፚ 𝑛ኻ/ኼ ፕᑊ,ᑞ
ፕᑊ,ᑒ

ኻ
፧
ᑞ
ᑒ

Fluid density 𝜌፦/𝜌ፚ ᑞ
ᑒ

ᑞ
ᑒ

ᑞ
ᑒ

Dynamic pressure 𝑞፦/𝑞ፚ
ᑞ
ᑒ 𝑛

ᑞ
ᑒ (

ፕᑊ,ᑞ
ፕᑊ,ᑒ )

ኼ ᑞ
ᑒ (

ኻ
፧
ፕᑞ
ፕᑒ )

ኼ

Reduced angular rate (፥ፕ )፦ /(
፥
ፕ )ፚ 1 1 1

Angular rate Ω፦/Ωፚ ኻ
፧Ꮃ/Ꮄ

ኻ
፧Ꮃ/Ꮄ

ፕᑊ,ᑞ
ፕᑊ,ᑒ

ኻ
፧Ꮄ

ᑞ
ᑒ

Reduced time ( ፭ፕ፥ )፦ /(
፭ፕ
፥ )ፚ 1 1 1

Time 𝑡፦/𝑡ፚ 𝑛ኻ/ኼ 𝑛 ፕᑊ,ᑒፕᑊ,ᑞ 𝑛 ፕᑒፕᑞ
Angular displacement 𝜑ᖣ፦/𝜑ᖣፚ 1 1 1

Angular acceleration Ω̇፦/Ω̇ፚ ኻ
፧ (ፕᑊ,ᑞፕᑊ,ᑒ )

ኼ ኻ
፧Ꮄ (ᑞᑒ )

ኼ ኻ
፧Ꮆ

Linear displacement 𝑠፦/𝑠ፚ 𝑛 𝑛 𝑛

Linear acceleration 𝑎፦/𝑎ፚ 1 (ፕᑊ,ᑞፕᑊ,ᑒ )
ኼ ኻ
፧ (ᑞᑒ )

ኼ ኻ
፧Ꮅ

Strouhal number (Ꭶ፥ፕ )፦ /(
Ꭶ፥
ፕ )ፚ 1 1 1

Oscillatory frequency 𝜔፦/𝜔ፚ ኻ
፧Ꮃ/Ꮄ

ኻ
፧Ꮃ/Ꮄ

ፕᑊ,ᑞ
ፕᑊ,ᑒ

ኻ
፧Ꮄ

ᑞ
ᑒ

* Ability to satisfy attitude scaling is dependent on satisfying Froude number similitude.
** Satisfying Froude number similitude is not possible due to 𝑔፦ = 𝑔ፚ. Exception is that 𝑛 = 𝑉ፒ,፦/𝑉ፒ,ፚ
for Mach scaling and 𝑛 = 𝑉፦/𝑉ፚ for Reynolds scaling.
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