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Executive Overview
This report presents the final design of the Delta Mars Transfer Vehicle designed by DSE
Group 14 at the TU Delft Faculty of Aerospace Engineering. The objective of this project,
conducted over the course of 10 weeks, has been to design a modular, reusable spacecraft for
crewed missions to Mars and back. The Executive Overview provides a standalone summary
of the final spacecraft design and the reasoning behind major design decisions. It covers the
key requirements placed on the design of the spacecraft, an overview of the complete vehicle
and mission architecture, a description of each major subsystem design, as well as technical
operations, sustainability, business planning, RAMs, technical risks and project planning.

Key Requirements
The Key requirements identified from the user requirements are:

• The system shall have the capability of transferring at least 4 astronauts to Mars orbit
and back.

• The system shall consist of interchangeable modules.
• The system shall have the capability of transferring 12 astronauts to Mars and back
using additional modules.

• Each module of the spacecraft shall have a service life of at least 20 years.
• The human occupants of the system shall have a maximum exposure of maximum total
of 1500 mSv per mission

• The system shall generate at least 20 % return on investment over a 10 year window
after start of operations

From these, system and subsystem requirements have been identified, on which the design
of the system has been based.

Mission and System Description
An overview of the spacecraft’s characteristics is given in Table 1.

System characteristics Mission characteristics
Wet Mass 399.2 t
Dry Mass 180.7 t Astronauts (baseline) 4
Payload Mass 15 t Mission duration 1148 days
Length 65 m Mars stay 520 days
Width 41 m First scheduled launch 2041
Height 6 m Earth orbit altitude 950 km
𝑀𝑀𝑂𝐼፱ 5 Mkgmኼ Earth orbit decay time 200 year
𝑀𝑀𝑂𝐼፲/𝑧 110 Mkgmኼ Earth orbit period 1h 44m
Habitable volume 100 mኽ Mars orbit altitude 400 km
Pressurised volume 260 mኽ Mars orbit decay rate Undefined
Engine VASIMR Mars orbit period 1h 58m
Propellant Liquid Argon Launcher Falcon family
Thrust 278.4 N No. of initial launches 17
Δ𝑉 35.2 km/s No. of resupply launches 9
Thermal Power 20 MW፭፡ Expected received radiation 1300 mSv
Electrical Power 11 MW፞
Backup Power 10 kW፞
Data rate 5 Mbit/s
Transmitting power 800W
Memory size 500 GB

Table 1: Overall spacecraft characteristics

The mission architecture of the Mars Transfer Vehicle consists of three distinct phases. The
first is the assembly phase, in which the disassembled vehicle is launched into low Earth
orbit where it is assembled. The second phase involves the spiral escape from Earth orbit,
astronaut boarding, transfer to Mars, stay in low Martian orbit, and return to Earth. The
astronauts unboard the spacecraft and use a crew capsule to return to Earth surface before
the MTV spirals down to parking orbit. The third phase consists of preparing the vehicle for
further transfers to Mars by means of inspection, maintenance, repair, and resupply.

Propulsion
The Mars Transfer Vehicle (MTV) is propelled by 48 Variable Specific Impulse Magneto-
Plasma Rocket (VASIMR) engines. These electric engines use argon as their working gas.

2
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The argon is heated up until it reaches a plasma state, and is then magnetically accelerated
through a nozzle. The engines use 200 kW of electrical power to generate 5.8N of thrust.
For a total of 48 operational engines (4 for redundancy), this propulsion system will require
9.6 MWe of electric power. The full mission will require 156.5 mኽ of liquid argon. Due to
launcher payload mass limitations, the fuel will be launched in 6 tanks. These tanks are
located on the truss structure supporting the radiators.

Trajectory
The trajectory of the Mars Transfer Vehicle was optimised using a custom-built simulation.
The transfer from Earth to Mars orbit will consist of a low-thrust spiral escape from Earth,
an interplanetary low-thrust transfer consisting of two burns and a low-thrust spiral capture
at Mars. The transfer from Mars to Earth will consist of similar manoeuvres. Interplanetary
transfer trajectories were optimised for the required Δ𝑉 by an optimising algorithm that made
use of the Steepest Gradient Descent method. A compromise was made between the transfer
time and required Δ𝑉. Finally, it was established that the propulsion system needs to deliver
a total Δ𝑉 of 35.2 km/s with a safety margin and an initial acceleration of at least 0.7mm/sኼ.

ECLSS
The Mars Transfer Vehicle features resource recovery and cabin regulation by means of an
environmental control and life support system (ECLSS). Requirements on the ECLSS derive
from the required inputs of the human body in the space environment, and its waste outputs.
Additional requirements stem from environmental conditions that must be maintained in
the pressurised cabin. 𝐶𝑂ኼ is removed from the cabin atmosphere using a carbon dioxide
removal assembly (CDRA) and then processed into water and methane in the carbon dioxide
reduction system (CRS). Urine is processed into non-potable water in the urine processor
assembly (UPA). The water processor assembly (WPA) purifies output water from the UPA,
CRS, and cabin humidity condensate into potable water which is either stored in the potable
water tank, or fed to the oxygen generation assembly (OGA) where oxygen and hydrogen is
formed. The ECLSS is able to recover 88 % of waste water, leading to a required water supply
mass over the course of a mission of 4,182 kg. Additional supplies taken on board include
nitrogen, to mitigate cabin leakage, and food for the duration of the mission. The ECLSS is
sized along with spare parts to obtain a reliability of 99.9 % over the course of a mission. The
mass the power budgets of the ECLSS are 19,984 kg and 5.4 kW respectively.

ADCS
The ADCS of the spacecraft provides the ability to stabilise, control and sense the orientation
of the vehicle relative to reference points. The driving requirement is the avoidance of space
debris, since a collision would impose catastrophic failure and there is more than 500,000
pieces of debris orbiting Earth. The main ADCS-requirements resulting from this are the
following:

• The spacecraft shall be able to rotate 180 ° in 2 hours.
• The spacecraft shall be able to climb or descent 10 kilometres in 1 hour.

Sizing is performed according to these requirements. This resulted in the use of 4 Control Mo-
ment Gyroscopes (CMGs) that each can provide a torque of 28 Nm, 24 hot-gas bi-propellant
thrusters with a thrust of 200 N each, 6 sun sensors, 3 star sensors and two Inertial Measure-
ment Units (IMU). The CMG is chosen for its high output torque with low power consumption
and the ability to operate without propellant. The thruster are there for momentum dumping
and the ability to climb or descent 10 km within 1 hour. Six sun sensors for omnidirectional
attitude determination and 3 star sensors for redundancy. The IMU measures the transla-
tional and rotational movement.

Electrical Power
The electrical power system uses Magneto-Hydrodynamic Converters (MHDs) and Fission
Reactors to generate 11 MW of power and distribute it throughout the spacecraft. It also
includes solar arrays and batteries, which act as a second source of energy when the reactors
are not active. These Closed Cycle MHDs (CCMHDs) require power to activate. By using the
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solar arrays and secondary batteries, one MHD can be activated, which will then activate the
other three MHDs. Should there be a necessary shutdown of the reactors after activation,
the solar arrays and secondary batteries are designed to sustain all spacecraft systems in a
critical power state with exception of the engines and thermal pumps. By taking a solar cell
beginning of life efficiency of 32.2 % and batteries that have a specific energy of 160 Wh/kg,
the backup power system is estimated to weigh 2,990.19 kg. These values are designed for
the worst-case scenario of the mission which is at the aphelion of mars in a LowMartian Orbit
of 400 km, after 20 years of radiation degradation. The power management and distribution
(PMAD) system incorporates AC buses due to the increased efficiency when compared to DC
buses at this high power constraint. The PMAD system also includes an electromagnetic
interference filter and a compensation capacitor. The compensation capacitor is to increase
the efficiency of the AC circuits over cable lengths. There is also a shunt regulator so that
excess power can be dissipated into the external environment. There are 2 main AC buses,
one for redundancy, and every module has its own AC bus. As this is an iterative process,
the circuitry is bound to change before its final iteration.

Thermal Control
The thermal control subsystem regulates the heat transfer and temperature for the habitat
and temperature sensitive components. The subsystem is also designed to get rid of excess
heat by use of radiators. Since significant excess heat is generated from the MHD, high
performance radiators were necessary to efficiently radiate the heat outwards. After a trade-
off, taking into account the single point of failure, radiator usability during manoeuvres,
thermodynamic stability, inter-reflective efficiency, and the development schedule and cost, it
was decided to use a high temperature aluminium-carbon hybrid radiator panel with carbon-
carbon fins and heatpipes with a carbon lining. The panel will be painted black to increase
emissivity efficiency and will be positioned under a 25 degree angle to reduce the width of
the radiator subsystem. After iteration, 630 mኼ of radiator panels is necessary (including a
safety factor of 1.15) to radiate out the excess heat. The radiators are placed in a ”Delta-wing”
configuration to optimise the heat transfer coefficient. Two Loops are used to distribute the
heat with two types of working fluids; TheMS-2 fluid will flow through the radiator andMHDs.
A glycol/water combination will be used to control the habitat temperature. Redundant
heaters and coolers are installed in phases for mission scenarios where the nominal thermal
flow is disturbed. The habitat will be covered in Multi-Layered Insulation to establish an
equilibrium temperature range of 20 degrees Celsius. The mass and electric power required
for the thermal control system is estimated to be 19,445.5 kg and 246 kW, respectively.

Spacecraft Structures
Two different types of docking interfaces are implemented in the spacecraft structure. Large
Common Berthing Mechanism docking interfaces are used to connect the habitat modules
together and allow for the transfer of electricity, fluids and oxygen and smaller interfaces
conforming with the International Docking Standard are used to dock with external payloads
and crew capsules. A Remote Manipulator System similar to the so called Canadarm2 on
the ISS will be implemented to aid in the docking of modules and to allow for inspection and
repair during the mission. The habited modules are shielded form both micrometeorites and
interplanetary radiation, in order to protect from orbital impacts a stuffed Whipple shield is
used, this is made up of two aluminium plates with 12 cm of space between with as well as
a few layers of Kevlar and thermal insulation. The bulk of the radiation protection comes
form the 12 cm thick polyethylene lining that is inside the pressurised module, this provides
an acceptable level of protection. The structural shells of the habited modules are design to
withstand launch loading and pressurization.

Communication and Command & Data Handling
An elaborated data rate analysis has been performed for three scenarios where astronauts
and spacecraft have to communicate by radiowaves to the existing agencies Deep Space Net-
work ground-station, under nominal conditions with an eclipse length of 2024 s, after a 10
day Mars-Sun-Earth conjunction and when power consumption should be limited during
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reactor failure. The driving parameters that resulted from this were a maximum data rate
after conjunction of 1.7 Mb/s where 61.1 GB of storage is required during conjunction, an
uplink data rate of 1.0 Mb/s and 0.066 Mb/s during reactor failure. A deep space proven
CDH-bus was selected together with a 0.5 TB flash solid state memory to fulfil the data
handling processes. The communication system has a Cassegrain configurated reflector an-
tenna with a main reflector diameter of 3.45 m and a sub-reflector diameter of 0.27 m. These
are fed by a dual polarised corrugated horn antenna which makes it possible by using a
orthomode transducer to double the data rate that can be sent with the same power and
diameter. Downlink frequency of 32.27 GHz and uplink frequency of 34.56 GHz (Ka-band)
will be used. An extensive link budget has been developed to analyse the worst case scenario
for the attenuation-sensitive Ka-band and by using state-of-the art deep space transponders
and amplifiers of 200 W and 40 W for Ka-band, the link budget could be closed with a SNR
of 21 (limiting requirement, for audio communication). A gimbal will be used to point the an-
tenna. The whole system will be completely redundant due to previous high critical mission
failure rates.

Operations & Logistics
17 Falcon launches are required to bring the various modules to Low-Earth Orbit (LEO),
with a maximum mass of 35 t each. The first module will be the truss section closest to the
habitat module, which will include the CMGs, the antenna dishes, and the robotic arm. With
a rudimentary board computer, this will provide a base platform for the rest of the assembly
procedure. Using a ”space tug”, the other modules (trusses, habitat modules, Argon tanks
and propulsion modules) are brought to the spacecraft one by one, and berthed using the
robotic arm. After assembly, the spacecraft is inspected by astronauts performing EVAs,
especially for electrical functioning and feedsystem attachments. The astronauts leave the
spacecraft again before it starts spiralling out of LEO, and the crew is docked to the spacecraft
in HEO.

Important logistic stations that are identified are manufacturing halls, astronaut training
centres, the SpaceX integration halls, and ground stations such as Tracking, Mission Control
and Communication stations.

Sustainability
Space missions have a large environmental impact due to their complexity, the required
launches, the removal of materials from Earth’s ecosphere and the difficulties connected with
the decommissioning of space vehicles. As a first step elements of concern were identified,
their impact was quantified and mitigation strategies or alternatives were proposed. The
developed debris mitigation plan includes the change of assembly orbit to a higher altitude
with a lower space debris density, the application of shielding against impacts for all critical
systems, the active tracking and avoidance of all debris objects of concern and the end-
of-life disposal of the vehicle. The disposal process consists of the retrieval of resources
where possible after which all decommissioned modules will be brought to a graveyard orbit
while the reactors will be brought into a heliocentric that poses no risk of a future planetary
impact. The probability of an inadvertent atmospheric entry at Earth or Mars of a reactor was
evaluated to be small and will be considered for future trajectory planning. Furthermore, all
harmful substances implemented in the vehicle were identified and their compliance with EU
regulations has been reviewed, alternatives have been analysed and proposed where feasible.
Lastly, a life cycle assessment has been applied to evaluate the environmental impact over
the full mission duration of 50 years.

Business Model
The team is given a driving requirement of providing a Return on Investment (ROI) for the
system of 20 % within 10 years. The total accumulated cost of the mission is estimated to
be 98.5 billion Euro in 2050 and 130.5 billion Euro in 2060. This requirement makes an
extensive business plan a necessity. The ideas to create income consist of the following:
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• Transport of non-human payload
• Making a documentary and vlogs
• Selling broadcast rights
• Find private investors, like private equities
• Space agencies funding and collaboration
• Sell scientific research data

• Selling maintenance contracts of
in-orbit satellites

• Remote robot control on Mars sur-
face (for example building bases

• Conclude long- and short-term
sponsor contracts

As the external cash flows are limited, a thorough analysis by using an income statement,
showed that the 20 % ROI can be given to the private investors in 2050 if they invest 23.1
billion Euro between 2039 and 2040. The agencies will fund 55.0 % of the costs and do not
get a 20 % ROI, while from statistical data the investments of these agencies will return 9
dollar as scientific and technology return for every invested dollar over decades [83], hence
motivating these agencies to invest in the team’s mission. This is the business philosophy
from Delta Mars that is defined to still fulfil the requirement on ROI by the limited percentage
of costs that can be covered by external cash flows that do not have a share in Delta Mars.

RAMS Analysis
The RAMS analysis showed several benefits and challenges in the overall system. A reliability
analysis showed that adding redundancies for each subsystem makes the system very heavy,
while for adding partial redundancies an overall reliability of 91 % could be achieved for the
full 20 year mission. By ensuring life-critical systems are redundant and by resupplying bro-
ken components each mission, a reliable system can be created. The spacecraft is available
78.4 % of the time, due to the fact the spacecraft has to wait in LEO in between missions
before the next transfer window opens.

Maintenance remains a large challenge for interplanetary missions, due to radiation levels
forbidding EVAs during transfer and the long travel times. By adding ISS-type robotic arms,
minor repairs can be performed 90.7 % of the mission duration, while only in between mis-
sions, when the spacecraft is orbiting in LEO, major repairs can be performed. Finally, the
safety aspects of the system are assessed, and taken into account in the whole design by
adding redundancies and performing a technical risk analysis, described in the next section.

Technical Risk Analysis
Risk analysis was performed in two distinct fields. Mission risk analysis considered risks
associated with the overall mission, while operational risk included all the risks associated
with the spacecraft. For both, mitigation and contingency strategies were developed in order
to minimise the total risk exposure. The development of the spacecraft was found to be very
risky and special care should be taken during planning in order to develop the system on
time.

Project Planning
The framework for the future design and development in the post DSE phase has been laid
out. The identified seven big phases of the project are the detail design phase, the develop-
ment phase, the production and certification phase, the mission preparation phase, the in-
orbit assembly phase, the mission execution phase and finally the decommissioning phase.
These phases have been worked out in more detail and all identified tasks have been sched-
uled in a Gantt chart forming the basis for the following steps. The production phase has been
further defined and the work flow from raw materials to final assembly has been outlined.

Conclusion and Recommendations
With a first launch of 2041 the dealt mars mission will be the first trip to mars humanity has
embarked on in a manned spacecraft. The MTV will have to face many challenges ranging
from overcoming the large required Δ𝑉 to ensuring that the astronauts radiation exposure
is within safe limits. With a number of subsystems used that are still in their development,
the spacecraft will have to be developed along side projects such as the VASIMR ion engine,
zero boil off cryogenic coolers, and high powered space optimised nuclear reactors. While
daunting, these challenges can be overcome through the project’s close collaboration with
the planets largest space agencies and funding from the private sector.



1
Introduction

This report documents the detailed design of the Delta Mars Transfer Vehicle. As such, it
concludes the graduation work that has been carried out over the course of 10 weeks by DSE
Group 14 at the TU Delft Faculty of Aerospace Engineering. The project objective of this De-
sign Synthesis Exercise (DSE) has been to design a modular spacecraft for crewed missions
to Mars and back by 10 persons within 10 weeks. Key top level requirements placed on the
project have been to safely transport a crew of four to Mars orbit and back, limit astronaut
radiation exposure to 1500 mSv, have the mission be feasible by 2040 with a service life of
20 years, and to create 20% return on investment following 10 years of operation. The DSE
has been carried out in four phases: a project planning phase lasting one week, a baseline
conceptual design exploration phase of one week, a midterm phase in which the conceptual
design was finalised of three weeks, and a final detail design phase of four weeks. A strong
emphasis has been placed on systems engineering and integration throughout the project.

The Mars Transfer Vehicle is a reusable spacecraft using electro-thermal propulsion pow-
ered by four low-enriched fission reactors. It carries a crew of four astronauts to Martian
orbit and back over a mission duration of approximately 1150 days, including a 520 day
stay in Martian orbit. Systems currently supporting human life aboard the ISS are used as
a baseline in designing the vehicle. During the course of the project, many elements of the
vehicle design have been considered, including propulsion, low thrust trajectory simulation,
optimisation and determination, radiation and micro-meteorite shielding, thermal control,
in-orbit assembly, and crew considerations such as the layout of the pressurised cabin. As
the mission concept is based on the assumption of the feasibility of the VASIMR and CCMHD
nuclear reactors, it is decided to make the project a concept study on the mission outline of
a Nuclear-Electric Propulsion spacecraft. Because of this, the Power & Propulsion systems
are only designed to a preliminary level, and focus is put on the subsystems surrounding it,
as well as the impact of the reactors and engines on them. The resulting spacecraft is 70 m
long with 250 mኽ of pressurised cabin space, has a wet mass of 360 metric tonnes, carries
15 metric tonnes of payload, and provides a mission Δ𝑉 of 35.2 km/s.

The report is structured as follows. Chapter 2 summarises the work done in previous de-
sign phases and the resulting key outcomes. Chapter 3 presents the final design of the
Mars Transfer Vehicle and describes the Mars mission architecture. Chapter 4 provides an
overview of the systems engineering approach taken in the detail design phase. Following
this, the detailed design of the spacecraft subsystems is documented in Chapter 5 to Chap-
ter 12. This is followed by a description of the spacecraft operations in Chapter 13. Chap-
ter 14 elaborates the technical approach to sustainability and evaluates the extent to which
the project meets sustainability goals. The business case for the project is argued in Chap-
ter 15. Chapter 16 describes how all the subsystems are integrated, provides an analysis of
the complete system, and describes how the design iterations have been performed. A tech-
nical risk assessment, including strategies for risk mitigation is documented in Chapter 17.
Specific technical solutions to mitigate major risks are elaborated in the relevant subsystem
design chapters. Finally, Chapter 18 describes the planning of the project past the Design
Synthesis Exercise.
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2
Summary of Previous Design Work

The Design Synthesis Exercise is structured into four distinct phases: Project Planning,
Baseline phase, Midterm phase, and Final phase. In each of these phases, the design of the
Mars Transfer Vehicle has been carried out in increasing levels of detail, converging to the
final detailed design as presented in this report. This chapter discusses the progress made
in the stages before the Final phase.

2.1. Project Planning Phase
During the project planning phase the team focused on structuring the work that would be
done up to the conclusion of the midterm phase. Several documents where compiled to this
end, including a work flow diagram and corresponding work breakdown structure and a de-
tailed Gantt chart up to the end of the midterm. Organisational and technical roles were
assigned to all team members. Organisational roles were divided into a chairman, secre-
tary, quality control officer, business officer, sustainability officer, and risk manager. Tech-
nical roles were defined per spacecraft subsystem. Additionally, a systems engineers was
appointed. Operational risks associated with the project were identified, assessed, and miti-
gation strategies were developed. The operational approach to sustainability was developed,
defining the responsibilities of the sustainability officer. A strengths, weaknesses, opportu-
nities, and threats (SWOT) analysis to identify challenges and strengths the team would have
moving into the following design phases.

2.2. Baseline Phase
Technical design work commenced during the baseline phase. Design requirements were
determined, and design option trees were explored in order to finalise a set of concepts which
would be further explored and traded in the midterm phase. Based on the user and stake-
holder requirements specified in the project assignment, system requirements were defined,
which were then broken down further to subsystem requirements. This was followed by the
generation of a functional flow diagram and functional breakdown structure. Design option
trees were explored, leading to a set of concepts for the Mars transfer vehicle.

Most notable were the three vehicle level concepts which were developed: a single vehicle
concept, dual vehicle concept, and Mars cycler vehicle. The single vehicle concept involves a
single vehicle executing the entire mission. The dual vehicle concept features an unmanned
vehicle which is first sent to Martian orbit with crew supplies and fuel using an efficient but
long transfer. A second, crewed vehicle is then sent to Martian orbit on a fast but fuel inten-
sive transfer where it docks with the first vehicle and resupplies. The benefit of this concept
is that a large portion of the supply mass is transferred using efficient methods, and that
the time spent in deep space by the crew is minimised. The Mars cycler concept involves the
establishment of a vehicle in a Mars-Earth cycler orbit. Such a heliocentric orbit is stable
and passes by Earth and Mars at predictable intervals. The cycler vehicle would be a per-
manent station which provides life support and crew quarters and transfer the crew to Mars
and back, A smaller vehicle would be used to ferry the crew from Earth and Mars orbit to
rendezvous with the cycler. Due to the fact that the cycler would spend a significant amount
of time beyond Mars orbit, at least two cycler vehicles would be required to send and retrieve
the crew from Martian orbit.

Concepts were also explored for the use of an Earth or Moon orbiting station. Such a station
would aid in resupply, repair, and maintenance of the Mars Transfer Vehicle. Positioning
the station in Moon orbit provided the benefit of not having to bring the vehicle as deep into
Earth’s gravity well, reducing the required mission Δ𝑉. Design option trees were explored as
well for vehicle subsystems and business models. A preliminary technical risk assessment
was performed, and the technical approach to sustainability outlined.

8
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2.3. Midterm Phase
Concepts identified in the baseline phase were analysed and traded off during the midterm
phase. Vehicle level trade-off was performed based on the criteria of wet mass over 20 years,
technological-readiness-level (TRL), maintainability, transfer duration, and operational risk.
Preliminary mission analyses of all vehicle concepts considered showed that with current
state of the art chemical engines the wet mass of all three was unfeasible. The single vehi-
cle was the heaviest by a large margin, however the mass of each vehicle was prohibitive,
and significant risks were introduced by the Mars cycler. This led to an investigation of
several low TRL options which had the potential to significantly reduce the vehicle mass.
These were the establishment of a Moon or Mars base from which propellant could be pro-
duced, and the use of nuclear-thermal and nuclear-electric propulsion. It was found that
nuclear-electric propulsion with VASIMR engines provided the lowest vehicle wet mass with
acceptable technological gaps and challenges. Low-enriched uranium fission reactors with
closed-cycle magneto hydrodynamic generators (CCMHDs) were chosen to provide electrical
power to the engines. The vehicle trade-off was performed once more with nuclear-electric
propulsion factored in to the analysis. Based on the trade-off criteria specified, the single ve-
hicle concept was chosen. An Earth orbiting station was selected as well, however has since
in the detailed design phase been changed to a ”space tug”, a dockable propulsion module
assisting in assembly.

Following the decision onmission architecture and vehicle concept, trade-offs were performed
on subsystem level to further define the vehicle. The following decisions were made.

Trade-off Decision
Spacecraft layout Modular stacked configuration
Transfer trajectory Low thrust conjunction class trajectory with spiral escape
Electrical power Low-enriched fission reactors with CCMHGs and solar panels for

reactor shutdown scenarios
Revenue model Payload delivery, space tourism, documentary film
ECLSS and supply ISS based chemical oxygen generator and water recovery sys-

tem, overboard waste disposal, 98 % of nutrition from Earth with
supplemental vegetables produced on board.

Radiation shielding Structural Aluminium with Kevlar outer layer and polyethylene
backing

Launcher SpaceX Falcon family

Table 2.1: Results of Midterm Report subsystem trade-offs

The results of these trade-offs are taken as the starting point for the final phase which is doc-
umented in this report. A functional flow diagram and breakdown structure were elaborated
upon in further detail along with a technical sustainability analysis. A detailed technical risk
assessment was conduction on the chosen vehicle concept. Preliminary vehicle budgets were
compiled. The midterm phase was concluded with the planning of the final design phase, as
well as a reshuffling of operational and technical positions within the team.



3
Vehicle and Mission Description

This chapter presents the mission need statement, key final design elements of the Mars
Transfer Vehicle, and provides an overview of the Mars Mission Architecture. The aim is to
provide the reader with an understanding on a system level. Further detail into individual
subsystems and integration follow in Chapter 5 to Chapter 13 and Chapter 16 respectively.
A full functional flow diagram is found in Chapter 16.

3.1. Mission Need Statement
As a first step in a new age of human exploration, we need a modular platform for humanmis-
sions to Mars that will form the basis for a future cost-effective interplanetary transportation
system.

3.2. Mars Transfer Vehicle Overview
The Mars transfer vehicle is a modular and reusable spacecraft designed to transport a crew
of four astronauts to Martian orbit and back. The vehicle is capable of performing Earth orbit
escape, establishing a transfer trajectory to intercept Mars, capture into Martian orbit, and
return to Earth orbit. It provides reliable life support to the crew over a mission duration
of approximately 1150 days. The exact mission duration varies with the launch year that is
chosen due to the eccentricity of Mars’ heliocentric orbit. Such mission requirements entail
a large and complex spacecraft. Therefore the design is broken down into subsystems which
are integrated to form the complete vehicle. A brief description of each subsystem follows. A
summary of the key subsystem characteristics is found in Table 3.1

Subsystem Description
Propulsion 52 VASIMR electrothermal engines with Argon propellant
Trajectory Conjunction class low thrust trajectory
Environmental control and life
support

Recovery systems for water, oxygen, and carbon dioxide

Attitude determination and con-
trol

4 Control moment gyros and 16 monopropellant thrusters

Electrical power 11MW from four fission reactors, solar panels for reactor shut-
down scenarios

Thermal control Active system with high temperature hybrid radiators
Structures Three pressurised modules with truss connecting engines to

spacecraft. Robotic arm for berthing, repairs, and maintenance.
Communication Cassegrain reflector configuration with a dual polarised corru-

gated horn
Command and data handling MIL-STD 1553 bus configuration with a 0.5TB flash solid state

memory
Technical operations 20 initial Falcon family launches with assembly in low Earth orbit

Table 3.1: Subsystem design summary of the Mars Transfer Vehicle

Propulsion
The Mars transfer vehicle uses 52 (including 4 redundant) VASIMR electro thermal engines
divided in four clusters with argon propellant. This provides a total thrust of 278.4 N at an
ISP of 5,000 s. The engines are powered by four fission reactors on board the spacecraft.
VASIMR engines are chosen due to their high specific impulse, which drastically reduces the
wet mass of the spacecraft.
Trajectory
A conjunction class trajectory is used due to the limited availablilty of Mars launch and return
windows. This trajectory class involves a long stay at Mars of approximately 520 days. The
alternative: an opposition class mission, involves a stay duration of approximately 30 days,
and uses a Venus swing by on return, creating unacceptable risks. A low thrust transfer
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Figure 3.1: Mars Transfer Vehicle layout and subsystem overview

determination tool is built to determine exact transfer profiles. The first astronaut launch
window occurs in February 2046.
Environmental Control and Life Support
The environmental control and life support system (ECLSS) is modelled on systems currently
on the International Space Station and adapted to the requirements of a Mars mission with
a crew of four. The ECLSS provides astronauts with potable water and oxygen, and recycles
carbon dioxide and waste water with a water recovery efficiency of 88 %. The ECLSS is sized
to 99.9 % reliability.
Attitude Control and Determination
The attitude control and determination system is designed to provide a pointing accuracy of
0.001 deg and a slew rate of 0.0060 deg/s It uses 4 control moment gyros and 16monopropel-
lant thrusters for control, as well as 6 sun sensors, 3 star sensors for attitude determination.
These specifications are driven primarily by requirements on space debris avoidance.
Electrical Power
Four low-enriched uranium fission reactors are capable of providing 11MW of electrical power
to the spacecraft. 9.6 MW are delivered to the VASIMR engines. The remaining spacecraft
systems use a peak power load of 350 kW. In the event of a reactor shut down, deployable
solar panels provide 10 kW to sustain systems in safe mode.
Thermal Control
The thermal control system of the spacecraft uses 620mኼ of high temperature hybrid radi-
ators to dissipate 8 MW of thermal power. A cooling loop using MH-2 fluid regulates the
temperature of the radiators to 350 degrees celcius. A glycol/water working fluid with elec-
trical cooling units regulates the temperature of the pressurised cabin.
Structures
The primary structures of the spacecraft consist of three pressurised crew modules, dock-
ing ports, and the truss structure which connects the pressurised cabin to the engines and
reactors, as well as supports the radiators. The pressurised modules are shielded against
both micrometeorites and the deepspace radiation. The micrometeorite shield consists of
a thin standoff shield of aluminium from the main aluminium structure, with a thermal,
kevlar, nextel layer between the two. A 12 cm polyethylene shell is used for radiation protec-
tion. A robotic arm on the exterior of the vehicle is used for assembly, berthing, repair, and
maintenance.
Communications, Command, and Data Handling
The communications susbsystem provides 1.7 Mb/s downlink and 1Mb/s uplink during
all mission phases in nominal operation using a Cassegrain reflection configuration with a
dual polarised corrugated feeder horn. The main reflector and sub-reflector are designed to
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diameters of 3.45 m and 0.27 m respectively. Data handling is executed by a MIL-STD 1553
bus configuration with 0.5 TB flash solid state memory to sustain the required command
and downlink data handling rates.
Technical Operations
To comply with launcher fairing constraints, the spacecraft is designed for packaging into 17
Falcon family launches. Assembly of the spacecraft occurs at an orbital altitude of 950 km in
order to avoid debris dense regions and the Van Allen belts. A ”space tug” concept, consisting
of a dockable propulsion module, guides the modules to the correct orbit for assembly.

3.3. Mission Architecture
The mission architecture executed by the Mars Transfer Vehicle consists of the phases of
assembly and start up, Mars transfer, and post-mission resupply, repair, and maintenance.
The mission begins with 17 Falcon family launches to bring the spacecraft components into
orbit at 950 km altitude. The spacecraft launch and assembly steps are staggered such
that further modules are launched once partial assembly is completed. Further details on
launcher packing can be found in Section 13.4. Following the assembly phase, inspection
and testing are performed to prepare the spacecraft for the transfer phase.

The Mars transfer phase begins with the initiation of a 103 day spiral escape orbit dur-
ing which the spacecraft carries no crew. This is such that astronauts are not exposed to
radiation in the Van Allen belts for prolonged periods during the spiral escape. Once the
spacecraft has passed the Van Allen belts, the crew is delivered to the Mars transfer vehi-
cle via a chemically propelled crew capsule. This crew capsule is undocked from the Mars
transfer vehicle prior to the initiation of the Mars-bound transfer trajectory. Following suc-
cessful crew transfer and a systems check, the vehicle finalises it’s escape from Earth orbit
and begins a heliocentric trajectory towards Mars interception.

Transfer to Mars takes approximately 200 days, depending on the launch window. During
this phase the spacecraft’s VASIMR engines follow a thrust profile specified by the chosen
launch date and transfer duration. Upon approach of Mars, the spacecraft begins a spiral
capture into low Martian orbit, taking 33 days. It takes approximately 520 days until the
Earth return window occurs. During this time, the vehicle may carry out several mission
profiles. The astronauts may remain in Martian orbit. Additionally, 15,000 kg are allotted to
payload carried by the vehicle, allowing for the attachment of a Mars lander. The spacecraft
may additionally be used to control robotic systems on the Martian surface by orbiting crew.

Following the Martian stay, the vehicle begins transfer back to Earth. The spiral Mars escape
takes 31 days, and the transfer to Earth 195 days. Upon capture into high Earth orbit, the
Mars Transfer Vehicle performs rendezvous with the crew capsule. The crew unloads into
the capsule and begins the process of lowering orbital height and Earth reentry. The vehicle
spirals down to an orbital altitude of 950 km, passing through the Van Allen belts once again
without crew on board. This final spiral takes 52 days. Total mission duration, including
astronaut boarding and unboarding is approximately 1,150 days. The crew spends a total of
approximately 990 days in space. This however varies with launch year.

Once the Mars Transfer Vehicle has established orbit at 950 km, a period of 1.1 years exists
until the next available launch window. During this period, inspection, maintenance, repair,
and resupply are performed to prepare the vehicle for its next mission to Mars. At least
8 launches are required in this phase. Waste aboard the space is removed and deorbited.
Argon and ADCS propellant tanks are removed and replaced. Along with supplies and new
payloads. Following the completion of this phase, a new Mars Transfer Phase is initiated.



4
Systems Engineering Overview

This chapter provides an overview of the systems engineering approach used to aid the detail
design phase. Included are the system requirements, as well as the N2 chart to identify
interdependencies and the finalised technical budgets.

4.1. System Requirements
The User Requirements [125] have been analysed and discussed with the relevant stakehold-
ers. After this, they have been translated to System Requirements, which were agreed upon
with all stakeholders:

• SYS-01 The system shall have the capability of transferring at least 4 astronauts
to Mars orbit and back.

• SYS-02 The system shall put humans in Mars orbit before 2040
• SYS-03 The system shall have the capability to stay in Mars orbits for at least 2 Earth
weeks.

• SYS-04 The system shall consist of interchangeable modules.
• SYS-05 The system shall be expandable with further modules.
• SYS-06 Each module of the system shall be able to autonomously rendezvous and
dock in orbit.

• SYS-07 The system shall have the capability of transferring 12 astronauts to Mars
and back using additional modules.

• SYS-08 Each module of the spacecraft shall have a service life of at least 20 years
• SYS-09 The system shall be launched using one existing launcher family.
• SYS-10 The system shall have the capability of being resupplied for a new mission to
Mars

• SYS-11 The system shall maintain environmental conditions to within the same bounds
as the International Space Station.

• SYS-12 The system shall have a window with a transparent surface area of 1.0 mኼ.
• SYS-15 The human occupants of the system shall have a maximum exposure of
maximum total of 1500 mSv per mission

• SYS-16 At least half of the system volume shall be reserved for payload.
• SYS-17 The system shall generate at least 20 % return on investment over a 10
year window after start of operations

• SYS-18 The cost to launch payload to Mars orbit using the system shall be less than
2 M€/kg

• SYS-19 Each subsystem shall be dual modular redundant.
• SYS-20 All materials onboard of the systems shall comply with REACH regulations.
• SYS-21 All electronic components shall comply with RoHS regulations
• SYS-22 The system shall create no orbital debris at nominal end-of-mission
• SYS-23 The system design process shall be documented for continuation missions

Here, the bold requirements have been identified as Key requirements. The compliance of the
designed system with these requirements will be analysed in Section 16.8.

13
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4.2. Design N2-chart
In order to determine the dependencies of the departments and to identify the most important
iteration loops, an N2-chart was set up showing the interfaces between the design processes,
shown in Figure 4.1. The design processes on the diagonal have been placed in such a way
as to minimise the iterative interfaces (shown below the diagonal), and critical interfaces
have been marked bold. From this an important iterative loop between the dry mass and the
propulsion system size can be identified, well known in aerospace design. Other important
iterative designs identified from this are the sizing of the ADCS as the Mass Moment of Inertia
(MMOI) of the whole spacecraft is required, and the logistics of the in-orbit assembly of the
spacecraft. The latter iteration was tackled by designing each module to fit inside the Falcon
fairing (chosen during the preliminary design phase) from the start, and to plan the assembly
logistics only once an initial layout and mass estimate is determined. The constraints and
requirements coming from these logistics were then taken into account during the next design
iteration.
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Figure 4.1: The design process N2-chart

4.3. Overall sizing
Sizing of the spacecraft is done by following the following steps:

• Sum the dry mass of all subsystems except propulsion and add a contingency factor
• Determine the required Δ𝑉 and initial Thrust-to-Weight ratio from the simulations. The
approach for this is discussed in Chapter 6.

• Using a simple Python script, determine the required propellant, the required amount of
engines and the amount of reactors required to power these engines. The power density
of the reactors is explained in Chapter 9.

• From the required thermal excess power, determine the radiator mass (Chapter 10)
• Iterate this process with the new radiator masses until the values converge

In the final design phase of this project, two main iterations have been performed, in which
the technical budgets (discussed below) have been updated and each subsystem has been
resized accordingly. The iterations are discussed in more detail in Section 16.1.

4.4. Final Technical budgets
During the design iterations of the spacecraft, various technical budgets are used and reg-
ularly updated, in order to keep track of the technical specifications of the system and to
set design targets for the subsystems. The technical performance measures used are mass,
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(backup) power, Signal-to-Noise Power, Δ𝑉 and received radiation. The budgets of the final
iterations are displayed below; for a discussion on the development of these budgets during
the design iterations so far, the reader is referred to Chapter 16.
4.4.1. Mass budget
A top-level mass budget is shown in Figure 4.2, showing the distribution of payload, dry
mass and propellant. The dry-mass is further broken down in Figure 4.3, where the various
subsystems get assigned a mass. A contingency of 10 % on the dry mass has been used to
size the system compared to the mass estimates in the following subsystem chapters.

Figure 4.2: The top-level mass budget for the Mars mission Figure 4.3: The dry mass budget for the Mars mission

4.4.2. Power budget
To assign a maximum power usage to each subsystem and determine the total required
power on board of the spacecraft, a power budget is set up, shown in Figure 4.4. This budget
excludes the power required for the electric propulsion system, as this is orders of magnitude
larger, but it should be noted the power comes from the same source, the fission reactors.
As can be seen in the figure, the largest part of the energy is used to cool the reactors. Next
to this, 30 kW has been reserved for payloads as a baseline. In the current configuration of
4 reactors, more power is however available if required.

Figure 4.4: The power budget for the Mars mission Figure 4.5: The backup Power budget for the Mars Mission

In case of emergency, the reactors could be shut down, and the system can operate on its
backup solar power. As the power delivered by the solar panels is very limited, a backup
power budget was made, shown in Figure 4.5. As can be seen, only the life-critical systems
are operational: the ECLSS, the communication system, a backup electrical heater and the
robotic arm. A small amount of power is reserved for payloads which might need to keep
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running. As will be explained in Chapter 9, the solar panels are sized for a 10 % safety factor
on the budget shown in the figure, so for 10 kW.
4.4.3. Link budget
The link budget will be described in Section 12.3.2, as it is relatively independent of the rest
of the mission. Its main interface with the rest of the system, the power consumption of the
communication systems, has been incorporated into the power budget.
4.4.4. Δ𝑉 budget
Figure 4.6 gives an overview of the Δ𝑉 required for the mission. As the required Δ𝑉 can change
per mission depending on the relative position of Earth and Mars, the worst case has been
assumed. The numbers come from simulated trajectories which are discussed in Chapter 6.

Figure 4.6: The ጂፕ budget for the Mars mission Figure 4.7: The radiation budget for the Mars mission

4.4.5. Radiation budget
The amount of radiation received per mission phase is shown in Figure 4.7, as well as the
cumulatively received radiation. This overview can be used to check the total amount of
radiation received stays below 1500 mSv, as specified by the requirements.

The first five columns are the standard mission outline, and the last two are additional events
which add significantly to the radiation received, even though they only occur infrequently.

4.5. V&V and Sensitivity
Verification and Validation and the sensitivity of the design to assumptions and requirements
has been approached by analysing them for each subsystem, and integrating the most im-
portant conclusions on a system level. The end of the coming chapters will describe V&V and
Sensitivity of each specific subsystem, and Chapter 16 will discuss the most important find-
ings and their impact on the overall design. The only exception is that Chapter 6 discusses
Verification and Validation during the calculation process to justify the programmed code.



5
Propulsion

This chapter begins the discussion of the Mars Transfer Vehicle subsystem detailed design.
The results of the propulsion trade-off performed during the baseline phase are briefly pre-
sented, followed by a description of the final design.

5.1. Key requirements and constraints
An important design factor for the Propulsion system was the high Δ𝑉 requirement to get
to Mars orbit, and especially to return to Earth orbit, which is unlike many other missions
which burn up in Earth atmosphere[11]. This resulted in the choice between bringing large
amounts of propellant, and using very efficient (and thus low-thrust) propulsion systems.

5.2. Midterm Trade-off Results
Several propulsion systems were considered during the midterm: Chemical, Nuclear Thermal
and Nuclear Electric Propulsion (NEP, NTP) were considered for different mission profiles.
NEP was chosen based on the significant reduction in wet mass and spacecraft volume.
Chemical propulsion required a large total mass to be launched, whereas NTP uses low-
density hydrogen as fuel: both would significantly increase the number of launches. The
VASIMR was specifically chosen due to its relatively high TRL and large amount of documen-
tation available. Next to this, it was chosen over NASA’s Xenon-fuelled X3 Ion thruster, as
Xenon is too rare on Earth to use for such a large mission, while the VASIMR uses the widely
available Argon. As mentioned in the introduction, this concept design is largely based on
the assumption that nuclear electric propulsion will be readily implementable by 2040. As
this is a system with a low TRL in comparison to other subsystems in this concept design,
it was developed to a lower level of detail. Focus was put on performing initial sizing, and
determining the impact of the propulsion system on the other subsystems.

5.3. VASIMR
The Variable Specific Impulse Magneto-plasma rocket (VASIMR) engine uses electric power
to heat up the liquid argon to a plasma. A set of magnetic fields then further accelerate this
plasma through a nozzle to provide thrust. Figure 5.1 shows the general functioning of the
engine, and the engine specifications are resumed in Table 5.1.

To achieve an acceleration of 0.7 mm/sኼ, a total of 48 engines are required. 52 engines will
be used to provide redundancy. This results in an engine mass of 28,080 kg and a total argon
mass flow of 9 g/s. Engines were clustered in 4 racks that could be individually launched.
Each rack also contains a reactor-MHD assembly to provide power, as will be discussed in
Chapter 9.

5.4. Tank sizing
As the rest of the Propulsion system, the tanks have only been sized to a preliminary amount
of detail. The main focus is put on identifying the required subsystems and obtaining a first
order mass and size estimate.
5.4.1. Propellant sizing
As discussed in Section 5.2, Argon will be used as propellant for the VASIMR engines, which
is a cryogenic fluid. In order to store the propellant, it needs to be cooled to temperatures
below 150 K, and kept at this temperature during the entire mission. As can be seen in
Figure 5.2, the lower the temperature of the liquid Argon (LAR), the lower the pressure at
which it can be stored. This means a trade-off needs to be made between using stronger
cooling systems and stronger tanks.

17
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Figure 5.1: VASIMR Engine cycle

Specification
Required Power [kW] 200
Specific Impulse [s] 5,000
Thrust [N] 5.8
Weight [kg] 540
Argon massflow [g/s] 0.118

Table 5.1: VASIMR Specifications

For now, it was assumed that low-pressure tanks were more favourable, especially consider-
ing the large required tank size and the relatively high storage temperature of Argon compared
to Hydrogen and Oxygen. As baseline, it is chosen to store Argon at a temperature of -170
፨𝐶 and pressure of 7 bar, giving it a density of 1,300 kg/mኽ according to Figure 5.3.

Figure 5.2: The phase diagram of Argon 1
Figure 5.3: The relation between temperature and density of

Argon

5.4.2. Tank geometry
Based on the most recent sizing and budgets from the previous chapter, 203.5 t of LAR
is required for the full mission. As will be explained in Chapter 13, the Falcon Heavy has
a capability to LEO of 35 t, meaning the propellant will have to be brought to orbit in six
launches. To prevent having to siphon the launched Argon into another tank, it is decided
to use six separate tanks on board of the spacecraft as well. Using the before mentioned
density and an ullage of 2 %, this results in a required volume of 24.1 mኽ per tank. The
standard shape of a cylinder with spherical endcaps[130] is used. As initial sizing showed
that the tanks will be located in between the radiators on top of the central truss, the radius is
chosen to be 1.2 m, in order to limit the heat influx on the cryogenic tanks from the radiators.
This results in the dimensions described in Table 5.2.

As tank material, the same Whipple shield configuration as described in Section 11.4.1 is
used, to protect the tanks from micro-meteorites. Extra Multi-Layer-Insulation is used to re-
duce heat-flow through the tank liner. Using Equation 5.1, it is calculated that for a pressure
of 7 bar, the inner aluminium liner provides enough strength with a safety factor of 2.

𝜎፡፨፨፩ =
𝑝፭ፚ፧፤ ⋅ 𝑟
𝑡፰ፚ፥፥

(5.1)

5.4.3. Other required subsystems
The main auxiliary systems required are the cooler systems, pressurant tanks and the feed
system. Regarding the cryocooler, NASA has been actively researching Reduced- [27] and
1 Retrieved from https://www.engineeringtoolbox.com/argon-d_1414.html

https://www.engineeringtoolbox.com/argon-d_1414.html
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Zero-Boiloff [66] storage of cryogenics, including specific systems to use for Mars exploration
[67]. Due to the long duration of Mars mission, the amount of propellant that would boil
off when using current crycoolers would become prohibitive, as also identified in the Mars
Reference Design Mission [11]. It is assumed Zero-Boiloff storage of cryogenics is possible by
2040, and further sizing of the system has not been performed.

The feed system required for the propulsion system consists of pumps, pipes and valves to
transport the Argon from the tanks to the VASIMR engines. The system has not been sized,
but is assumed to be relatively small due to the low total mass flow of 9 g/s required. Next to
this, pressurant is required to keep the tanks at 7 bar while they are being emptied, which
for this volume will be a significant amount.

Argon Input
LAR mass 203.5 t
Storage temperature -170 ፨𝐶
Tank Pressure 7 bar
LAR Density 1,300 kg/mኽ

LAR Volume per tank 26.1 mኽ

Ullage 2 %
Tank Volume 26.6 mኽ

Table 5.2: Tank sizing results

Tank dimensions
Inner radius 1.2 m
Inner Al liner thickness 4.8 mm
Insulation space (Kevlar, MLI) 107 mm
Outer Al liner thickness 2 mm
Cylindrical length 4.3 m
Total length 6.7 m
Mass per tank 1,040 kg
Total mass for six tanks 6,240 kg

5.5. Further research
As mentioned, the propulsion system has only been designed to a very preliminary level.
Several aspects are identified that require more research to come to a conceptual design
level:

• Research and test burn times for the VASIMR engine of up to 4 months, as only tests
of 100 hours have been performed so far.

• Size the feedsystem, cryocoolers and pressurant tanks by identifying the required com-
ponents and their size.

• Find the optimal storage temperature of Argon: lower temperature means higher density
and thus smaller tanks, but requires stronger cryocoolers and more insulation.

• Design the system in such a way that the amount of interfaces during docking oper-
ations are kept to a minimum to avoid leaks. Similarly, research reliable methods for
hydraulic connections during autonomous docking.

5.6. Sensitivity Analysis
The current tank design is based on the assumption that Zero-Boil Off cryocoolers are feasible
in the future. If not, the amount of Argon rapidly increases, especially for such a longmission.
With a representative boil-off rate of 0.1 % per day [66], 70 % of the propellant is lost during
the mission, meaning more than triple the initial amount of propellant needs to be taken.
Without a ZBO cryocooler, the mass of the spacecraft will increase so rapidly that the design
becomes in-feasible, and thus the development of it will be a critical aspect of the mission.
The sensitivity to changes in engines will be discussed on a system level in Chapter 16.

5.7. Verification & Validation
VASIMR tests are required to verify the specifications on which the system has been sized,
especially when used for such a long duration. Furthermore, validation tests are required
when the 48 VASIMR engines are integrated into the rest of the feedsystem.

Various tests are required for the tank. First of all, it will need to be pressure tested, first
at above-zero and after at cryogenic temperatures. Then, a long-duration cooling test is
required, to verify no leaks, boil-off or warming takes place over time. For validation, full
propulsion system tests will have to be done, to ensure the tanks work together with the
feedsystem, pumps and engines.



6
Trajectory Design

The design of low-thrust interplanetary trajectories is an interesting mathematical problem
that has been discussed in many research papers. Unlike Hohmann transfers, low-thrust
interplanetary trajectories cannot be approximated by mathematical functions and therefore
numerical simulation is required. Many variables govern a low-thrust trajectory and all of
them have to be optimised with respect to the parameters of interest such as the required
thrust, fuel mass and transfer-time. This chapter will describe themethods that were used for
simulating and optimising the trajectory for a range of possible missions in order to determine
the thrust and total Δ𝑉 that needs to be delivered by the spacecraft.

6.1. Problem Statement
While electric propulsion has the advantage of delivering a high 𝐼፬፩ compared to chemical
propulsion, and therefore consuming less fuel for a given Δ𝑉, it can only deliver low levels
of thrust. Long burn times, in the order of 100 days are therefore required for a transfer
from Earth to Mars. A typical transfer from Earth to Mars orbit will consist of the following
manoeuvres:

• Escape burn: A continuous burn in the direction of velocity (with respect to Earth) until
escape velocity is reached. The spacecraft travels along a spiral trajectory and is taken
from an orbit around Earth into an orbit around the Sun, similar to Earth’s orbit around
the Sun.

• Burn 1: Departure burn that puts the spacecraft on an interplanetary transfer orbit (an
elliptic orbit around the Sun). This burn takes place shortly after the Escape burn.

• Burn 2: Arrival burn that takes the spacecraft from an interplanetary transfer orbit into
an orbit around the Sun, similar to Mars’ orbit around the Sun.

• Capture burn: A continuous burn opposite to the direction of velocity (with respect
to Mars). The spacecraft travels along a spiral trajectory until an orbit of the desired
altitude around Mars is established.

Figure 6.1: A typical low-thrust trajectory transfer from Earth to Mars. The spiral Earth-escape trajectory is shown on the left,
the interplanetary transfer is shown in the centre and the spiral Mars-capture is shown on the right.

The escape and capture burns are most efficient when the thrust vector is pointing in (for
escape) or opposite (for capture) to the direction of velocity with respect to the orbited body.
Therefore little optimisation is required and the Δ𝑉 needed for such a manoeuvre can be
easily computed using numerical simulation. Optimisation of Burn 1 and 2 however, requires
much more attention. For a given launch date there is an infinite amount of possible transfer
trajectories with varying amounts of Δ𝑉 and transfer-time. Typically, shorter transfer-times
require a higher Δ𝑉 and therefore a compromise solution has to be found, also taking into
account the launch date. Transfers from Mars to Earth consist of similar manoeuvres.

20
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6.2. Simulation and Optimising Algorithm Development
This section will firstly describe the steps taken to develop a numerical simulation capable of
simulating trajectories with continuous low thrust burns. The simulation will be mostly dis-
cussed with respect to simulating the interplanetary transfer, however it will also be capable
of simulating continuous burns for spiral escape or capture orbits. Secondly the develop-
ment of an optimising algorithm used to find the optimum interplanetary transfer trajectory
between the point of Earth escape and Mars capture (or vice versa) will be discussed.
6.2.1. Trajectory Simulation
Based on a set of given input variables such as launch date, initial mass, 𝐼፬፩ of the propul-
sion system, thrust vector as a function of time, desired transfer-time, etc. the simulation
shall output the trajectory of the spacecraft (position as a function of time). The following
assumptions were made with the aim of making a simulation with reasonable accuracy and
reducing computing time:

• The simulation is limited to taking into account the gravitational effects due to the Sun,
Earth, Mars and the spacecraft only. It was calculated that the gravitational force from
Jupiter, which is the next largest force acting on the bodies in the system is 5 orders of
magnitude smaller than that of the Sun.

• All objects are assumed to be point masses.
• The position of the bodies is restricted to two dimensions; the inclination of the planetary
orbits is neglected.

• Gravitational attraction is the only force acting on the bodies with the exception of the
spacecraft which is also subject to thrust from rocket engines.

• Thrust and 𝐼፬፩ of the propulsion system is assumed to be constant. Ad Astra Rocket
Company, the developer of the VASIMR thruster claims that by varying the 𝐼፬፩, a 15 %
propelant saving can be achieved [35], however the thruster has only been proven to
work at a maximum 𝐼፬፩ of 5,000 s as opposed to the assumed 30,000 s [37].

• The thrust vector angle 𝛼 is approximated as two third degree polynomials; one for Burn
1 and one for Burn 2. Burn 1 takes place from start of simulation until 𝑡ኻ and Burn
2 takes place from 𝑡ኼ until the desired transfer-time is reached. This means that 10
variables are used to define the thrust vector in time. From now on, the set of variables
will be referred to as �⃗�. Below is the mathematical formulation of the thrust vector angle
as a function of time as well as an example shown in the plot.

𝛼(𝑡) = {
𝐶ኻ + 𝐶ኼ𝑡 + 𝐶ኽ𝑡ኼ + 𝐶ኾ𝑡ኽ 0 ≤ 𝑡 ≤ 𝑡ኻ
𝐶 + 𝐶ዀ𝑡 + 𝐶𝑡ኼ + 𝐶ዂ𝑡ኽ 𝑡ኼ ≤ 𝑡 ≤ 𝑡፭

(6.1)

�⃗� = [𝐶ኻ, 𝐶ኼ, 𝐶ኽ, 𝐶ኾ, 𝐶, 𝐶ዀ, 𝐶, 𝐶ዂ, 𝑡ኻ, 𝑡ኼ] (6.2)

Figure 6.2: Example of calculated thrust angle as
function of time for a given ፱⃗ using Equation 6.1.

Python was chosen as the programming language of choice. Bellow is an overview of the
important functions and their integration which creates the trajectory simulation.

• A class definition bodywas created. When called, body creates an object with all relevant
parameters; such as mass, position and velocity. Additionally, body also has an update
function where a list of all the other bodies in the system is passed as well as a time
interval. When called, update first calculates the resultant acceleration vector due to
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the gravitational force of the bodies in the system using Newton’s law of gravitation and
thrust if applicable. The acceleration vector is then used to update the velocity of the
object after the specified time interval. The updated velocity vector is used to update
the position of the spacecraft after the time interval. If applicable the mass of the object
is also updated by subtracting the mass of expelled rocket fuel based on the mass flow.
The mass flow is assumed to be equal to the thrust divided by the exhaust velocity.

• The class definition var was created. When called, var creates an object which stores
all the input and output variables of a trajectory simulation. This made accessing and
tracking information of various runs of the simulation possible. Input variables include
launch date, transfer-time, positions of planets at launch date, time step 𝑑𝑡 after which
bodies shall be updated and the set of coefficients �⃗� defining the thrust angle in time.

• The simulation loop sim was defined and was a function of a var instance. When called,
the simulation is initialised by unpacking the input variables and creating appropriate
bodies using body. Then the simulation loop is ran until the specified transfer-time is
reached. Each run of the loop consists of updating all bodies and increasing time by 𝑑𝑡.

Using the above functions a trajectory simulation can be performed by creating a var instance
with the desired input variables, executing sim using the var instance and then unpacking
the desired outputs from it.

unpack passed variables
create the Sun, Earth, Mars and the spacecraft with appropriate position, velocity and mass
set time to zero
set Δ𝑉 to zero
while time is less than desired transfer time do

increase time by 𝑑𝑡
for all bodies in the system do

calculate gravitational acceleration due to all other bodies
if body is spacecraft then

calculate thrust vector angle using Equation 6.1
calculate acceleration from thrust
add acceleration from thrust times 𝑑𝑡 to Δ𝑉
subtract used fuel from mass

end
adjust velocity based on calculated accelerations
adjust position based on velocity

end
end
return position as a function of time and used Δ𝑉

Algorithm 1: Simplified representation of the simulation loop.

6.2.2. Boundary Conditions
In order to produce any valid transfer trajectory between Earth and Mars, certain boundary
conditions have to be met. The spacecraft has to arrive to a desired location with respect
to Mars and has to have zero excess velocity. In order to find such trajectories the pos_opt
boundary condition optimising algorithm was developed. Using desired input variables and
a guessed �⃗� that produces a trajectory that does not meet the boundary conditions (ie. does
not arrive to Mars), the pos_opt algorithm tries to find a solution that meets the boundary
conditions by adjusting �⃗�. The pos_opt algorithm makes use of the steepest gradient de-
scent minimum finding method. First the simulation is ran with the guessed �⃗� and a scoring
function evaluates how far the trajectory is from meeting the boundary conditions. Then,
derivatives of the score 𝑠 are taken with respect to �⃗� by adjusting all coefficients within �⃗� (one
at a time) by a small amount 𝑑𝐶, running the simulation with the adjusted �⃗� and calculating
the difference in score over the difference in coefficient, 𝑑𝑠/𝑑𝐶. Once 𝑑𝑠/𝑑�⃗� (the set of deriva-
tives 𝑑𝑠/𝑑𝐶) is known, �⃗� is adjusted by an amount 𝛾 times the gradient in the direction of
𝑑𝑠/𝑑�⃗�, ie. the direction of the steepest descent of the score:
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�⃗�፧፞፰ = �⃗�፨፥፝ −
𝑑𝑠
𝑑�⃗�

∗ 𝛾 (6.3)

The value of 𝛾 can be adjusted for the desired result; a larger 𝛾 yields a faster convergence
but will stop converging at a lower accuracy. The algorithm can be ran multiple times with
gradually decreasing 𝛾.

while boundary conditions not met do
run simulation with current �⃗�
use scoring function to evaluate trajectory
for coefficient in �⃗� do

adjust coefficient by 𝑑𝐶
run simulation with adjusted �⃗�
use scoring function to evaluate trajectory
calculate 𝑑𝑠/𝑑𝐶 and place it into 𝑑𝑠/𝑑�⃗�

end
adjust �⃗� by 𝛾 in the direction of 𝑑𝑠/𝑑�⃗�

end
Algorithm 2: Simplified representation of the position optimising algorithm.

6.2.3. Fuel Optimising Algorithm
Using the pos_opt algorithm described in the previous subsection, a transfer trajectory from
Earth to Mars for a given launch date and transfer-time can be found. This algorithm will
however yield different solutions when different initial guesses are used. This means that the
solution found is not unique and further optimisation is required in order to find the specific
solution that requires least amount of fuel. For this, the fuel optimising fuel_opt algorithm
was developed. The fuel_opt algorithm uses the solution found by pos_opt as input. Because
the thrust and 𝐼፬፩ are assumed to be constant, the solution that requires the shortest burn
time will also require the least amount of fuel. Two nested loops are therefore used to find the
solution with the shortest burn time. The outer loop decreases the burn time by decreasing
𝑡ኻ and increasing 𝑡ኼ by a small amount. It then runs the inner loop which is very similar to
the pos_opt loop, it tries to meet the boundary conditions by changing all variables within
�⃗� except for 𝑡ኼ; which is always adjusted such that the total burn time is kept constant.
The cycle is repeated until the boundary conditions cannot be satisfied with the allocated
burn time. The last solution which could satisfy the boundary conditions was deemed as the
trajectory that requires the least amount of fuel given the launch date and transfer-time.

while convergence in inner loop still possible do
lower total burn time by small amount
while boundary conditions not met do

run simulation with current �⃗�
use scoring function to evaluate trajectory
for coefficient in �⃗� except 𝑡ኼ do

set 𝑡ኼ such that burn time is satisfied
adjust coefficient by 𝑑𝐶
run simulation with adjusted �⃗�
use scoring function to evaluate trajectory
calculate 𝑑𝑠/𝑑𝐶 and place in into 𝑑𝑠/𝑑�⃗�

end
adjust �⃗� by 𝛾 in the direction of 𝑑𝑠/𝑑�⃗�

end
end

Algorithm 3: Simplified representation of the fuel optimising algorithm.
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Performing boundary condition and fuel optimisation in a single loop was was also developed,
however it was only partially successful and did not reliably converge for a range of possible
transfers. Accuracy that could be reached was also lower.

6.3. Simulation Verification
The simulation loop utilises simple Newtonian mechanics to model the motion of objects
subjected to gravitational forces. The correct implementation of the physical laws can be
verified by simulating a simple case for which an analytic solution exists. For this analysis
an object of negligible mass (1 kg) was introduced into a circular orbit abound the sun at
one astronomical unit. The orbital period of the object was calculated using Kepler’s third
law and the simulation was ran for the specified time. As predicted, the object returned
close to its original position suggesting that the physical laws of motion were implemented
correctly. This was also a good opportunity to analyse the effect of the size of the time-step.
The simulation was ran multiple times with gradually decreasing time-steps. The results are
summarised in Figure 6.3. As can be seen, the distance to the point of departure decreased
with decreasing time-step, indicating an increase in simulation accuracy. Note that the dips
in the graph represent solutions which by chance achieved a higher accuracy. The important
parameter is the minimum accuracy that will be achieved with a given time-step. This can
be determined by interpolating the peaks of the graph. As can be seen, this will form a
straight line on the log-log plot and an order of magnitude decrease in time-step leads to
an approximately order of magnitude increase in accuracy. Note that in this case, 10 m
represents 0.001 % of the total distance travelled.

Figure 6.3: Results of the verification of the implementation of
the physical laws of gravity and motion.

Figure 6.4: Results of the verification of thrust implementation.
Black lines represent the direction of thrust.

In order to verify that the application of thrust was modelled correctly, once again a simple
situation with an analytic solution is considered and computed both numerically and ana-
lytically. The following situation was chosen: Two objects of 1 kg are placed at a distance of
1 AU from the sun and both are given exactly half the velocity required for a circular orbit.
The first object is only subjected to gravitational forces and should enter an elliptic orbit
with its aphelion at 1 AU. For the second object, the thrust perpendicular to its velocity re-
quired to keep it in a circular orbit is calculated. If the thrust is applied correctly, the second
object should enter a circular orbit around the sun at 1 AU and have an orbital period of
exactly two years (since it is travelling at half the velocity of Earth). In order for an object
to have circular motion, a constant resultant force 𝐹 given by Equation 6.41 is required in
the direction perpendicular to its velocity. This will not be equal to the gravitational force
given by Equation 6.52. The magnitude of the thrust perpendicular to the velocity is there-
fore calculated such that the sum of the gravitational force and the thrust is equal to the
required centripetal force. For this particular test, the function that updates the mass of the
1where፦ is the mass of the object, ፯ is the velocity of the object and ፫ is the radius of the orbit.
2where ፆ is the universal gravitational constant and ፌ is the mass of the orbited body (Sun).
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spacecraft is disabled in order to keep the acceleration due to the thrust constant.

𝐹 =
𝑚𝑣ኼ

𝑟
(6.4) 𝐹፠ =

𝐺𝑀𝑚
𝑟ኼ

(6.5)

As can be seen from Figure 6.4, and was also confirmed by analysing the output of the sim-
ulation, Object 2 has entered a circular orbit around the Sun at 1 AU with a period of two
years. This suggests that the thrust was implemented correctly and is working as expected.

The last part of the simulation that needs to be validated is the implementation of the mass
flow leading to the change of the mass of the spacecraft over time. This was easily verified
by simulating a single transfer to Mars. The required Δ𝑉 and change in mass was verified to
correspond to theory using Tsiolkovsky’s equation.

6.4. Validation of Optimised Trajectories
Validation of the trajectories produced by the simulation was done by comparing our results
to results produced by more sophisticated simulations. This method was chosen due to
the lack of available trajectory data of actual spacecraft. Simulation developed by Aaron M.
Schinder was chosen due to the available results presented in his research paper [110]. The
research paper contains a plot showing the required Δ𝑉 for optimised Earth-Mars transfers
departing on the 1st of August 2020 for a range of transfer-times. The data was carefully
extracted and plotted along with data produced by our own simulation. The results are
presented in Figure 6.5. As can be seen, the general shape of our simulated data matches
the shape of the validated data. It is however evident, that our simulated data contains a
lot more noise and sometimes converges to lower Δ𝑉 solutions. The extra noise was likely
introduced by the fact that our simulation used less strict requirements on meeting boundary
conditions in order to reduce computational time. Our simulation was stopped when a score
of less than 0.5 was achieved. This is equivalent to reaching the destination within a distance
of 0.015 AU and an excess velocity of less than 707 m/s. This can also be the cause for
the simulation to converge to lower Δ𝑉 solutions, however different departure and arrival
states may also be the cause. It is not clear from from the paper what departure and arrival
states were assumed. Our simulation started at position when the spacecraft reached escape
velocity after spiralling out and finished at the start of the spiral Mars capture; these points
were calculated by simulation beforehand. Both of the simulations that are being compared
used a time step of approximately one day.

Figure 6.5: Earth-Mars transfer trajectories departing on the 1st of August 2020 optimised for minimum ጂፕ.
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6.5. Results and Trajectory Planning
6.5.1. Trajectory Analysis
Using the functions described in the previous sections, it was now possible to calculate the
required Δ𝑉 for a given launch date within a launch window and a given transfer-time. The
launch window for an Earth-Mars transfer occurs every synodic period which is approxi-
mately 2.1 years. The launch window in early 2046 was chosen as a case study. A thrust
of 348 N, an initial acceleration of 1 mm/sኼ and a 𝐼፬፩ of 5000 s was assumed. The required
Δ𝑉 was computed for a variety of launch dates and transfer-times. In order to decrease com-
putation time, the thrust vector function of both burns was assumed to be constant in time
(coefficients 𝐶ኼ, 𝐶ኽ, 𝐶ኾ, 𝐶ዀ, 𝐶, and 𝐶ዂ were neglected). The results are presented in Figure 6.6.

Figure 6.6: ጂፕ required for a range of possible launch dates and transfer-times within the 2046 launch window. The separation
between individual data points is 5 days on both axes. Note that launch date is assumed to be the start date of the Earth-Mars

transfer and not the actual launch from Earth surface.

As can be seen, longer transfer-time trajectories require a smaller Δ𝑉 and the Δ𝑉 increases
as you move away from the ideal launch date. The ideal launch date also changes slightly for
different transfer-times; as the transfer-time decreases, the ideal launch date moves forward.
Transfers within the black region are not possible, a higher thrust would be required. The
trajectories on the boundary are ones where Burn 2 takes place immediately after Burn
1 (continuous thrusting) and all trajectories above the boundary are characterised by two
distinct burns.

Figure 6.6 is a powerful tool for trajectory planning and sensitivity analysis. When planning
the trajectory for the Delta Mars mission, it is important to choose a fast trajectory in order
to minimise the consequences of time spent in deep space, such as exposure to radiation and
psychological effects. As can be seen, a 200 day transfer is about as short as it can get before
the Δ𝑉 starts to increase rapidly. The Δ𝑉 for such a transfer was also found to be similar
to the previously assumed Δ𝑉. Further optimising was done using the full ten coefficient
thrust vector representation. Analysis on the required acceleration was also performed and
it was found that the initial thrust can be lowered to about 0.7 mm/sኼ without significantly
changing the required Δ𝑉 and the transfer time. In order to accurately predict the required Δ𝑉
for the complete mission, a similar Δ𝑉 plot should be produced for the transfer back as well.
For now, limited analysis was done on the transfer back and a semi-optimised trajectory was
assumed in order to get an estimate for the required Δ𝑉.
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6.5.2. Results and Implications
The proposed trajectory is presented in Figure 6.7 and Figure 6.8.

Figure 6.7: Trajectory plan for a mission in 2046. The Earth-Mars and Mars-Earth transfers start on 4.3.2046 and 26.4.2048
respectively.

Using information from Figure 6.7, a full mission including all the manoeuvres was planned.
A period of 7 days was estimated for loading and unloading crew in high Earth orbit. The re-
sults are presented in Figure 6.8 and Figure 6.9. It was further estimated that the spacecraft
will spend 412 days in LEO in between missions. All refuelling, resupplying and maintenance
activities must be performed within this window.

Figure 6.8: Depiction of chosen trajectories.

Figure 6.9: Mission plan for the 2046 launch
window. Mission duration from LEO to LEO is

1,148 days and the approximated astronaut time
spent in space is 993 days.

Implications for spacecraft subsystems that flow from the trajectory analysis are as follows:
• The propulsion system shall provide an initial acceleration of at least 0.7 mm/sኼ.
• The propulsion system shall deliver a Delta V of at least 35,200 m/s. This includes a
safety margin of 4 %.

• The spacecraft shall be able to support astronauts for at least 993 days.
• All refuelling, resupplying and maintenance activities must be performed within 412
days.

• Requirements flowing from nominal trajectory are not considered to be driving for the
ADCS as the manoeuvres do not require rapid change in pointing. The time between
Burn 2 and spiral deceleration (during which the spacecraft needs to flip) can take in
the order of one day with negligible consequences.

6.6. Sensitivity Analysis and Recommendations
One of the highly sensitive parameters of the trajectory is the departure date. To help visu-
alise this, the Δ𝑉 was plotted for a set transfer duration and a range of launch dates. The
results are presented in Figure 6.10. As can be seen, the required Δ𝑉 increases rapidly as
soon as the launch date is missed by more than two days. Careful planning is therefore
critical for the success of the mission and time reserve before departure is probably a better
strategy to deal with possible delays rather than taking extra fuel to account for a possible
less favourable trajectory. Since moving the launch date was shown to be very sensitive, it
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is suspected that the trajectory will be also sensitive to power outages (ie. any malfunctions
leading to temporary shut down of the propulsion system). For now a similar sensitivity can
be assumed and more analysis should be performed in this area. The required Δ𝑉 for mis-
sions departing in different launch windows is expected to vary by less than 10 %, neglecting
particularly bad launch windows which occur around every 15 years [79]. A Δ𝑉 plot should
therefore be produced for every potential launch window in order to confirm that a mission
can take place.

Sensitivity analysis of the target altitude at mars was also performed. The results are shown
in Figure 6.11. As can be seen, the required Δ𝑉 for an escape from a 500 km orbit does not
significantly change with altitude. Increasing the altitude by 100 km decreases the required
Δ𝑉 by roughly 0.036 m/s. The other spiral manoeuvres were shown to have similar sensitiv-
ity.

It was also shown that the required thrust is less sensitive and can possibly be lowered. Lower
thrust requires longer burn times, however the overall Δ𝑉 does not significantly change. Fur-
ther optimising should therefore be investigated by generating solutions for range of possible
thrusts. Further, more time should be invested into validation and a sample trajectory of an
actual spacecraft should be reproduced. Finally, the simulation and optimising algorithms
should be adjusted to incorporate deviations caused by debris-avoidance manoeuvres or de-
lays and extensive analysis should be done in order to determine the required reserve fuel.

Figure 6.10: Sensitivity analysis of departure date on the
required ጂፕ for a one way transfer.

Figure 6.11: Sensitivity analysis of Mars orbit altitude on the
required ጂፕ for spiral escape.
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Environmental Control and Life Support

This chapter details the design of the Environmental Control and Life Support Subsystem
(ECLSS) on board the spacecraft. The ECLSS design is based off of equipment currently
in use on the International Space Station, adapted to the requirements of a Mars mission.
The chapter begins with a discussion of the human design requirements on the ECLSS in
Section 7.1. Section 7.2 provides an overviews of the process flow through the spacecraft
and describes the ECLSS assemblies chosen to fulfil all necessary processes. Sizing of the
ECLSS, including determining the required spare parts to ensure a reliability of 99.9 % is
performed in Section 7.3. Section 7.4 discusses the considerations made in the design of
the crew cabin. Section 7.5 provides a brief discussion of further ECLSS design that must
be carried out, however is beyond the scope of this design phase. A sensitivity analysis of
the ECLSS under changing reliability and mission duration requirements is conducted in
Section 7.6. Methods to verify and validate the ECLSS are discussed in Section 7.7.

7.1. Design Requirements
Design requirements on the ECLSS stem from the biological needs of the astronauts in order
to survive the mission to Mars. These can be modelled as a set of inputs which need to be
provided to the astronauts, as well as a set of astronaut outputs that need to be removed
and processed. Additional requirements stem from the environmental conditions needed in
the pressurised cabin. Flowing down from these are requirements on the reliability of the
system and functions which the system needs to fulfil in the case of a failure in order to keep
the astronauts alive.

Human inputs and outputs are taken as the starting point for specifying the ECLSS re-
quirements. A crew load of four astronauts is used to determine the total input and output
amounts. The inputs required consist of potable water for drinking and food preparation,
washing, toilet flushing, oxygen for respiration, and food for consumption. Astronaut out-
puts consist of urine combined with flush water, humidity condensate from respiration and
perspiration, used wash water, carbon dioxide, and fecal waste. These are summarised in
Table 7.1 and Table 7.2.

Human input Amount
[kg/crew-day]

Amount per Day
[kg/day]

Mission Amount
[kg]

Drinking and food
preparation water 2.38 9.52 10282

Wash Water 1.29 5.16 5573
+ Urine flush water 0.50 2.00 2160

Oxygen 0.84 3.36 3629
Food 1.50 6.00 6480

Table 7.1: Required daily human inputs in the space environment [61] [68]

Human Output Amount
[kg/crew-day]

Amount per Day
[kg/day]

Mission Amount
[kg]

Urine plus flush water 2.00 8.00 8640
Used wash Water 1.29 5.16 5573
Water condensate 0.50 2.00 9850
Carbon dioxide 1.00 4.00 4320
Solid waste 1.50 6.00 6480

Table 7.2: Daily human outputs in the space environment [61] [68]

Additional requirements derive from environmental conditions which must be sustained in
the pressurised cabin. A cabin pressure range of 96.5 - 102.7 kPa and temperature range

29
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of 15 - 25 degrees Celsius are taken as requirements based off of the International Space
Station. Oxygen partial pressure is maintained at 19.4 - 23.7 kPa. The remainder of the
atmosphere is composed of nitrogen as well as carbon dioxide exhaled by the crew [98].
Active air circulation systems are required to prevent carbon dioxide build-up in any region
of the cabin as convection does not naturally circulate air due to the lack of gravity. The
ECLSS is designed to a reliability of 99.9 % for one mission. The following sections detail the
design employed to meet these requirements.

7.2. ECLSS Process Overview
Human inputs and outputs must be provided and respectively removed by the ECLSS. This
may be accomplished by taking all supplied required for the entire mission, or by recycling
resources over the duration of the mission. Systems for recycling resources add significant
mass and power requirements to the spacecraft; however, the overall mass of the spacecraft
is reduced by recycling resources as opposed to carrying all resources for a mission of this
duration [61]. Systems are therefore employed for the recycling of waste water and urine to
potable water as well as the generation of oxygen and removal of carbon dioxide. These are
based on the ISS ECLSS consisting of a urine processor assembly (UPA), water processor as-
sembly (WPA), oxygen generation assembly (OGA), carbon dioxide removal assembly (CDRA),
and carbon dioxide removal system (CRS). These systems process the outputs generated
by humans and provide the conditions and materials necessary to sustain life. Collection
points, namely the spacecraft toilet and urinal, as well as vents from the pressurised cabin
moving air to the respective ECLSS components. A trace contaminants control assembly is
used to monitor the cabin atmosphere for contaminants and absorb unwanted substances.
A schematic of the ECLSS process flow can be seen in Figure 7.1. These systems are capa-
ble of handling a 6 person crew load based on the requirements laid out in Table 7.1 and
Table 7.2 [97] [31]. The ECLSS is a closed system with the exception of food and nitrogen in-
puts, as well as solid waste and acetylene overboard venting. An initial water supply is taken
to account for the non-complete recycling performed by the ECLSS. Nitrogen is required to
maintain cabin pressure and to account for leakage of the pressurised cabin.
7.2.1. Carbon Dioxide Removal Assembly
The purpose of the CDRA is to scrub 𝐶𝑂ኼ from the air in the pressurised cabin. The 𝐶𝑂ኼ is
separated from the air and sent to the CRS, where it undergoes a Sabatier reaction and is
converted to 𝐻ኼ0 and 𝐶𝐻ኾ. Removal of 𝐶𝑂ኼ is done through a set of 4 desiccant/sorbent beds,
each contained in an orbital replacement unit (ORU). Cabin air is first purified in a desiccant
bed, following which 𝐶𝑂ኼ is removed in a sorbent bed. The air then passes through a further
desiccant bed where it is rehumidified before entering the cabin. The ISS CDRA has proven
highly effective and removes 100 % of metabolic 𝐶𝑂ኼ generated by the crew [22] [31].
7.2.2. Carbon Dioxide Reduction System
𝐶𝑂ኼ scrubbed by the CDRA is routed to the CRS, where it undergoes a Sabatier reaction
with 𝐻ኼ, forming 𝐻ኼ𝑂 and 𝐶𝐻ኾ as shown in Equation 7.1. 𝐻ኼ is supplied from the products
of the OGA. The output 𝐻ኼ𝑂 is routed to the WPA for further treatment. In the current
ISS configuration, 𝐶𝐻ኾ is vented overboard. This results in a significant loss of potentially
usable hydrogen. For this reason, NASA is currently developing a plasma pyrolysis assembly
(PPA) as a post-processor of the 𝐶𝐻ኾ produced during the Sabatier reaction. The PPA uses
a pyrolytic process to convert 𝐶𝐻ኾ to 𝐻ኼ and 𝐶ኼ𝐻ኼ as per Equation 7.2. The produced 𝐻ኼ is
recirculated into the Sabatier reactor of the CRS [132]. 𝐶ኼ𝐻ኼ is vented overboard.

𝐶𝑂ኼ + 4𝐻ኼ → 2𝐻ኼ𝑂 + 𝐶𝐻ኾ (7.1)

2𝐶𝐻ኾ → 3𝐻ኼ + 𝐶ኼ𝐻ኼ (7.2)

7.2.3. Urine Processor Assembly
The UPA takes as input astronaut urine and flush water, and processes these to water for
further processing as well as urine brine. The distillation assembly of the UPA contains a
rotating centrifuge which separate evaporated water from the urine brine/water mixture at
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Figure 7.1: Simplified schematic of the ECLSS process flow

low pressure. Further details on the functioning of the UPA can be found in [97]. The UPA
has a water recovery efficiency of 80 % [61]. Waste water tanks are used to buffer water from
the urinal prior to UPA processing as well as processed water before it enters the WPA.
7.2.4. Water Processor Assembly
The WPA is the final step in the water processing loop. It take pretreated water and processes
it to potable conditions. Input sources of the WPA are the products of the UPA, CRS, and
humidity condensate removed from the cabin air. The WPA consists of particulate filters,
multifiltration beds for dissolved contaminants, and gas-liquid separators [97]. The potable
water produced by the WPA is routed to a potable water for astronaut use, as well as the
OGA.
7.2.5. Oxygen Generation Assembly
The OGA converts potable water to 𝑂ኼ and 𝐻ኼ via electrolytic cells as per Equation 7.3. The
products of electrolysis are separated via a rotary separator. The produced oxygen is fed
back in to the pressurised cabin. 𝐻ኼ is circulated to the CRS where it fuels the Sabatier
reaction. Hydrogen sensors are used at the outlet to the pressurised cabin to ensure hydrogen
containment [97].

2𝐻ኼ𝑂 → 2𝐻ኼ + 𝑂ኼ (7.3)

7.3. System Sizing
7.3.1. Sizing Spares for Reliability
As the proper functioning of the ECLSS is critical to astronaut survival during the Mars mis-
sion, a reliability of 99.9 % over the course of a mission is designed for. Data from the ISS
ECLSS shows frequent failures and wear-out of various ECLSS components. When failure oc-
curs, spare parts are required to maintain the proper functioning of the ECLSS. Additionally,
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the ECLSS must be designed such that components are easily removable and replaceable
when such action is necessary. This is accomplished by the use of orbital replacement units
(ORUs). Sizing the amount of spares required to ensure a certain reliability requires the use
of a statistical approach making use of Poission probability mass functions. The Poisson
distribution, shown in Equation 7.4, models the probability of x failures of an ECLSS com-
ponent over a given course of time given that the probability of each component failing is
independent of time at which the last component failed. 𝑘 is the amount of components, and
𝜆 is the mean amount of failures of a component during one mission duration.

𝑃(𝑋 = 𝑘) = 𝑒᎘
𝜆፤

𝑘!
(7.4)

Setting 𝑃 = 0.001, k is solved for using simple iteration. This approach is used in [61] and uses
data of the mean time before failure of each ECLSS ORU aboard the ISS. Data for the mass
of each ECLSS component is also available in [61], as well as the rack mass of each ECLSS
assembly. Based on this data and a mission duration of 1,080 days, the total mass of the
ECLSS including spares can be determined. A mass breakdown of the ECLSS per assembly,
as well as respective probabilities of failure during one mission, is shown in Table 7.3. These
results are compiled from a component level breakdown of each assembly. This can be found
in Appendix A

Assembly Mass [kg] Probability of all spares failing
Oxygen generation assembly 1874.5 0.000664
Urine processor assembly 1,657.9 0.000694
Water processor assembly 2,403.7 0.000842

Carbon dioxide removal assembly 513.3 0.000827
Carbon dioxide reduction system 1,426.5 No data

Total 7875.9 0.000842

Table 7.3: Mass budget of ECLSS assemblies including spares required for 99.9 % reliability

7.3.2. Supply Sizing
Sizing of the initial supplies that need to be taken aboard the spacecraft was determined by
the recovery efficiency of the ECLSS assemblies and the duration of the mission. Current
ECLSS systems aboard the ISS obtain a water recovery rate of 88 % [97]. Stoichiometri-
cally, the OGA is capable of producing 0.89 kg of oxygen from one kg of water. This leads
to a mission potable water requirement to the OGA of 4,900 kg, including a 1.2 safety fac-
tor to account for potential disparities between predicted and actual oxygen demand. The
remainder of the potable water required for all other activities sums to 21,620 kg over one
mission with the 1.2 safety factor, leading to a total water requirement of 26,520 kg. With
88 % recovery this leads to an initial water supply of 3,180 kg. Matching ISS requirements
of maintaining 1,000 kg of reserve water for emergencies at all times, the total water supply
needed amounts to 4,180 kg.

Nitrogen supply is required to account for air leakage of the pressurised cabin. A leakage rate
of 0.062 kg/day is assumed, based on the 0.227 kg/day leakage rate on the ISS [107] and
the pressurised volume ratio of the spacecraft to that of the ISS of 250/916. This leads to a
nitrogen supply requirement of 100 kg over the mission duration using a 1.5 safety factor. A
tank plus feed system mass of 70 kg is assumed based on similar systems [70]. Food supply
mass is taken from Table 7.1, with a 1.2 safety factor, leading to a food supply mass of 7,780
kg. This leads to a total ECLSS and supply mass of 19,985 kg. The electrical power usage of
the ECLSS is estimated at 5.4 kW based on data from [102].
7.3.3. Volumetric Sizing
ECLSS assemblies are fitted into racks which are attached to the interior walls of the pres-
surised cabin. These racks are modelled after international standard payload racks (ISPR)
used on board the ISS, which provide 1.6 mኽ of internal volume each [78]. The OGA, WPA,
and UPA require one ISPR each [65]. It is assumed that the combination of the CDRA and
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CRS occupy one further rack. Volume required to store spare components is estimated un-
der the assumption that component volume is directly proportional to their mass. Based on
component masses shown in Appendix A, the percentage of each assembly mass composed
of replaceable parts is calculated and multiplied by the 1.6 mኽ volume of each ISPR. The
mass of spare components in each assembly is summed and multiplied by the volume of
replaceable parts. This results in a spare components volume of 11.7 mኽ.

The volume of the potable water tank is obtained directly from the water supply requirement
of 4,180 kg, necessitating 4.2 mኽ of tank space, accounting for the tank itself. 7,780 kg
of food supply is stored assuming a density of 306 kg/mኽ [93], resulting in 25.4 mኽ of vol-
ume required. 100 kg of nitrogen is stored in tanks with a volume of 0.48 mኽ [70] [26]. A
breakdown of the ECLSS volume budget is shown in Table 7.4

Element Volume [m3]
WPA 1.6
UPA 1.6
OGA 1.6

CDRA + CRS 1.6
Spare components 11.7
Potable water tank 4.2

Food 25.4
Nitrogen tank 0.48

Table 7.4: Volumetric sizing of the ECLSS

7.4. Crew Considerations in the Pressurised Cabin
Several considerations are made to accommodate the crew in the pressurised cabin over
the course of the mission. This is of significance due to the long duration which will be
spent in the spacecraft. A minimum requirement of 25 mኽ of liveable space per astronaut
is set. Three pressurised modules make up the crew cabin. Each module has a unique
purpose in the spacial layout of the spacecraft. The outermost module is dedicated to private
quarters for the crew and shared living space. The middle module serves as working space
and houses systems such as the ECLSS assembly racks, scientific payloads, and potable
water tanks. The third module is dedicated to storage of items such as food and ECLSS
spares, and additionally provides supplemental living space and access to the cupola. The
internal layout of the crew cabin can be seen in Figure 7.2 Each crew member has their own
private sleeping quarters, which are positioned as far as possible from the reactor-engine
assembly. A lavatory is located in the living module, along with equipment for exercise.
Artificial lighting shall be used inside the cabin to simulate a 24 hour day-night cycle.

Following walk-through of the pressurised cabin in virtual reality, several observations were
made as to potential issues that may arise while living in the space for a prolonged period.
Although the internal volume of the cabin is considerable, unlike the ISS, astronauts are only
able to move in one dimension as the modules are stacked linearly. Experiences in virtual
reality showed that this made the cabin feel more constrained, as there is a continuous line
of sight through the whole spacecraft. The ability to see all locations where one can go made
the interior seem smaller. For this reason, collapse-able translucent screens are placed in
the joints between modules to disrupt line of sight, creating distinct spaces within the cabin.

7.5. Further Work
Due to the scope of this design phase, focus has been placed on designing the ECLSS to han-
dle the process flow through the crew cabin. Design for physical and psychological astronaut
health in deep space have been largely overlooked, however must be designed for prior to the
mission. An extensive list of potential health effects has been compiled based on data from
[94]. Key findings are summarised in Table 7.5 and Table 7.6. Additional considerations
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Figure 7.2: Internal layout of the crew cabin

to be made are ECLSS contingency planning in the event of an assembly failure, cabin fail-
ure, or atmospheric contamination. Items such as chemical oxygen generators should be
considered. Additionally, systems for fire detection and suppression must be designed.

Health issue cause Symptoms
Change in bodily fluid distribution due to mi-
crogravity

Tachycardia, hypotension, arrhrytmias , de-
creased vital lung volume, decrease in body
water, hormonal disruption

Microgravity in sensory system Reduction of vision, taste changes, dizziness
Microgravity on musculoskeletal system Decrease in mass, change in limb volume, re-

flex duration change, muscle and bone atro-
phy, foot disorders

Accumulated radiation (0.5 - 1.0 Sv) Cataracts,changes in blood cell structure
Accumulated radiation (1.0 - 1.5 Sv) Neoplasms, Atherosclerosis
Accumulated radiation (1.0 - 2.0 Sv) Decreases in short term memory, recognition,

and search speed, Alzheimers, Parkinsons

Table 7.5: Physiological health concerns in deep space

Health issue cause Symptoms
Distance to Earth Homesickness leading to stress, decreases in

motivation
Radiation and microgravity environment Change in condition
Limited amount of equipment and activities Monotony, boredom
1,000 days with three other astronauts Misunderstandings, impaired communication,

interpersonal conflicts, loss of privacy, stress
High work load Stress, fatigue, decrease in performance
Small living space Claustrophobia

Table 7.6: Psychological health concerns in deep space
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7.6. Sensitivity Analysis
Sensitivity analysis of the ECLSS is conducted with respect to two changeable parameters:
the mission duration, and the required ECLSS reliability. These parameters are considered
the two most likely to change and to have direct influence on the sizing of the system, primar-
ily through changing the amount of required spare components. Crew mission durations are
varied from 850 to 1,150 days, and the acceptable probability of failure from 0.1 to 0.0001.
The resulting analysis shows that mission duration does not have a significant effect on sys-
tem mass, causing variation from 7,620 kg to 8,100 kg in ECLSS assembly and spares mass.
Supply water and food mass reduce to 3,500 kg and 6,120 kg from 4,900 kg and 7,780 kg
respectively. Food volume reduces to 20 mኽ from 25 mኽ. Increasing the mission duration to
1,150 days increases assembly and spares mass to 8,100 kg, water and food mass to 4,390
kg and 8,280 kg, and food volume to 27 mኽ.

Changes in the required ECLSS reliability have significant effect on the mass of the system.
This is due to the fact that a significant portion of the ECLSS mass consists of spare com-
ponents. With an acceptable probability of failure of 0.1, ECLSS assembly and spare mass
reduces to 5,000 kg from 7,880 kg at baseline 0.001. With a failure probability requirement of
0.0001, the mass increases to 8,950 kg. This results in potential ECLSS system level mass
decreases of 14 % and increases of 5 %. Current state of the art ECLSS systems require
large amounts of spare parts due to poor component life times and reliabilities. A secondary
result of this sensitivity analysis is that ECLSS mass can be significantly reduced with the
development and qualification of more reliable ECLSS assemblies.

Figure 7.3: Variation of ECLSS assembly and spares mass with reliability requirement

7.7. Verification & Validation
Although the ECLSS of the Mars Transfer Vehicle is based on current ECLSS systems on the
ISS, several considerable differences exist between the vehicles and missions which require
changes in the ECLSS design and qualification. The deep space radiation environment to
which the Mars Transfer Vehicle is exposed requires design for radiation resistance. Ad-
ditionally, the inability for quick astronaut return to Earth in the event of system failure
necessitates high reliability of the system. Due to the fact that current systems are not de-
signed from this environment, systems developed for the Mars Transfer Vehicle will require
extensive testing to ensure proper functioning and achieve flight qualification.

Testing of the ECLSS systems shall take place in two distinct phases, first on ground testing
in a simulated environment, and secondly following launch and assembly prior to astronaut
boarding. Ground based testing shall be conducted during development first of ECLSS as-
sembly components to ensure proper functioning, radiation resilience, and lifespan. This is
followed by assembly level testing in which the CDRA, CRS, UPA, WPA, and OGA shall all
undergo testing. Upon completion of this testing phase, system level testing shall occur in
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which the complete ECLSS is tested in a simulated environment. Low and high load cases
shall be tested, as well as the system’s ability to respond quickly to changes in process load.
Off-nominal cases such as leaks and clogs shall also be tested to ensure that the ECLSS
can return to nominal functioning following automated or crew repair. Components that are
subject to wear or failure shall undergo further testing to simulate a full mission in order to
ensure that design lifetimes are met. This testing phase shall be conducted at radiation test-
ing facilities such as the ESTEC Co-60 facility1. Following ground based testing, the ECLSS
will undergo a final testing phase following launch and spacecraft assembly. The ECLSS
shall be initiated and will do a test run with simulated process flows while in orbit. This
stage will qualify the ECLSS and ensure that all systems are functioning before astronauts
board the spacecraft.

Verification that ECLSS requirements are met shall be performed using either testing, demon-
stration, analysis, or inspection. Demonstration will be used to verify the characterisation
of the cabin environment, the overboard venting systems, the log masses of input/output
water, the UPA converts urine to water, and the temperature measurements during opera-
tion. Analysis is used to verify the human needs and mission duration. Inspection to verify
the usable volume of the pressurised cabin. Testing to verify the functioning of systems by
use of a simulated radiation environment. Finally, demonstration is again used to verify the
process flow rate adequacy and output sufficiency based on input resources.

1https://escies.org/webdocument/showArticle?id=230&groupid=6
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Attitude Determination and Control

The importance of the Attitude Determination and Control System (ADCS), comes from the
ability for the spacecraft to stabilize, orient in the desired direction, and sense the orientation
of the vehicle relative to reference points. This stabilizing, orienting and sensing is performed
by a system of sensors and actuators that react to disturbance torques which can be either
internal or external and required slewing manoeuvres. [116] [75] [131]

8.1. Key Requirements and Constraints
The key requirement comes from the avoidance of space debris, which is further explained
in Section 8.7. The requirement that follows from this is that the spacecraft shall be able to
turn 180° in 2 hours and that the spacecraft shall be able to climb an altitude of 10 km in
one hour. The constraint regarding these requirements is that the Mass Moment of Inertia
(MMOI) and mass itself can not be immensely large since otherwise the CMGs and thrusters
become too large and heavy.

8.2. Disturbance Torques
The ADCS must be designed to tolerate the disturbance torques, the applicable worst-case
external disturbance torques are listed below.

• Gravity gradient effects: This gives a constant torque for Earth-oriented vehicle. The
MTV is orbiting Earth for several months while undergoing resupply and maintenance,
for this reason it is important to consider the effects of the gravity gradient and design
for it. However, after performing the calculations according to [130], the disturbance
torque turned out to be so low that it doesn’t generate a driving requirement regarding
the ADCS.

• Magnetic field torques: The torque is induced by Earth’s magnetosphere and there-
fore only applies in this region of space, this is caused by the interaction between the
geomagnetic field and the satellite’s residual magnetic fields. However, when calculat-
ing the generated torque, it is in the order of ∗10ዅኽ Nm [130], which is well within the
capabilities of the ADCS.

• Solar radiation: Solar radiation disturbance torque imposes the largest external torque
when large solar panels are used since these absorb the radiation. However, the MTV
only uses solar panels in case of engine shut down. The rest of the spacecraft is mostly
reflecting and for this reason is not affected significantly by the solar radiation. On the
other hand, the spacecraft is not in the magnetosphere of Earth for most of the mis-
sion duration, so the spacecraft is more affected by the radiation. Despite this, SMAD
calculations confirm that these torques are significantly smaller than other driving re-
quirements for the ADCS [130].

• Aerodynamic torques: The aerodynamic disturbance torque does not impose a huge
effect on the spacecraft. This is due to the fact that for the longest duration of the
mission, the spacecraft is in a stable orbit around Mars, in which the atmospheric
density is extremely small due to Mars’ weak atmosphere. Hence, the torque generated
by aerodynamics is negligible. [130].

8.3. Sensors
Sensors are important for the ADCS to determine the attitude and the orientation of the
spacecraft with respect to a reference frame. This requires measurement of vector quantities
in this frame. The following sensors are considered:

• Sun sensors: Sun sensors detect visible light andmeasures the incidence angle between
the light and the mounting base, they are widely used, accurate, and reliable [130].

• Star sensor: Star sensors map the stars that pass in their field of view, every movement
of the spacecraft will result in an apparent shift of the stars. Using this method the
spacecraft can maintain and determine its attitude with respect to the stars.

37
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• Horizon sensor: Horizon sensors measure the temperature difference between the
cold deep space and Earth’s warm horizon by means of an infrared device, providing
Earth-relative information regarding attitude determination for Earth-pointing space-
craft [130].

• Inertial measurement unit: Inertial measurement units use gyros and accelerometers
to measure rotational and translational movement. They are used for measuring velocity
in navigating and guiding manoeuvres.

• Magnetometer: Magnetometers are lightweight, simple, and reliable sensors that mea-
sure the attitude with respect to the Earth using the direction and magnitude of Earth’s
magnetosphere [130].

For the MTV, each module needs its own set of sensors to be able to determine its location
since each module docks in LEO at an altitude of 950 km. The launch will be performed
by a Falcon family rocket, which has an altitude accuracy of around 10 km. Therefore, the
modules can be significantly separated from each other when arriving at the desired altitude.
Each module would need to be capable of determining their orientation and location so that
the space tug can locate and assemble the modules, the space tug is elaborated on in section
Section 11.7. The orientation is then needed to dock the modules so that they both have
the correct attitude for a successful dock. The configuration of the ADCS sensors for the
MTV is six sun sensors, three star sensors, and an inertial measurement unit. The horizon
sensors and magnetometers are not chosen since they provide attitude determination with
respect to the Earth. When the MTV is on mission, Mars has a weak magnetosphere so
the effectiveness of these instruments is severely decreased. Horizon measurements are not
feasible either [130]. Redundancy is of great importance to increase reliability, especially with
lives at stake. For this reason, six sun sensors are chosen to provide attitude determination
in all directions. Two sun sensors already provide three axis attitude determination, but one
sun sensor is added to achieve redundancy. Ensuring that if either one of the sensor systems
fails there is still a fully operational sensor system available. The inertial measurement unit
is used to process the navigation and guidance manoeuvres.

8.4. Actuators
Actuators bring the spacecraft to a desired orientation and exert a force or torque to either
maintain the orientation or change it by use of a slewing manoeuvre. This actuation is
performed by actuators, of which the following actuators are considered:

• Thrusters: Thrusters are mass expelling torque producers that work on either cold or
hot gas with the capability of applying large torques compared to other actuators. They
are primarily used to perform a fast attitude manoeuvre, momentum dumping, and
avoidance manoeuvres for space debris. The thrusters can be placed in clusters and on
all axes to provide omnidirectional manoeuvrability and provide torques large enough
to counter disturbance torques or rotate the spacecraft in a desired direction.[75]

• Reaction wheels: Reaction wheels are torque motors with a rotor that has a high mo-
ment of inertia. This way, when the wheel is spun up the the wheel starts to generate
torque in a predetermined axis. The wheel can be spun in either direction but is fixed
to a certain axis, for this reason at least three reaction wheels are necessary to provide
three axis control. A fourth wheel would be added for redundancy.

• Control Moment Gyroscopes: Control Moment Gyroscopes are similar to reaction
wheels, the difference is mainly that the rotor inside the CMG is already spinning at
a certain rpm to provide angular momentum. The rotor is then tilted at a certain gimbal
rate, and due to this tilting of the generated angular momentum a torque is generated.
This torque is much higher than with the reaction wheels, but also more complex. The
CMG can be considered a torque amplification device because a small gimbal torque
input can produce a large control output on the spacecraft. There is the choice between
single gimbal CMGs and double gimbal CMGs. The benefit of double gimbal CMG is
that it stores large amounts of momentum in a mass-efficient manner, and the single
gimbal CMG is able to generate high output-torque in a power efficient way.

• Magnetic torquers:
Magnetic torquers use electromagnetic coils in order to stabilise and orient. It uses
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the Earth’s magnetic field in order to create torque in a very efficiently, for this reason
though it is not applicable in deep space [130].

8.4.1. Singularities
CMGs have some disadvantages, the most important one besides cost and complexity is the
condition which is referred to as singularities. CMGs can have gimbal configurations for
which there is no torque production, this singular state exists when all individual torques
from the CMGs are perpendicular to this direction and must be avoided to perform manoeu-
vres without errors. Singularities propose a technical difficulty for CMGs, which increases
complexity and has to be dealt with.

The double gimbal CMGs are able to create torque in two axes, however the extra actuation
capabilities comes with a cost. The set of control torques of these CMGs can oppose each
other, resulting in more power usage and less efficient torquing.

Figure 8.1: Pyramidal configuration of CMGs Figure 8.2: CMG configuration of ISS

To be power efficient and avoid singularities, a pyramidal configuration of at least three
CMGs is developed [106], displayed in Figure 8.1. Another example is the International Space
Station’s, in which four CMGs are placed in a cluster next to each other. Two of them for
three-axis control and two for redundancy, which is well designed since within the operating
life of the ISS two have already failed [116] as can be seen in Figure 8.2.

8.5. Actuators Trade-off Results
Regarding the actuating system, thrusters, CMGs, reaction wheels, and magnetic torquers
are considered. Their specifications are displayed in Figure 8.3.

Figure 8.3: Actuator trade-off table

From this table a combination of CMGs and thrusters are chosen. The CMGs have the
advantages of being capable of generating large torques, large enough for the driving slewing
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requirement of rotating 180° in 2 hours. CMGs are also power efficient, relatively lightweight,
and do not require any propellant, as further explained in Section 8.6. A combination of
CMGs and thrusters is chosen since thrusters are needed for momentum dumping when the
CMGs are saturated and this combination can perform a manoeuvre of a 10 km climb or
descent within one hour.

8.6. Zero-Propellant Manoeuvre
According to NASA [84], no more million-dollar manoeuvres are required anymore when using
the CMGs. In the past spacecraft would perform a rotation with thrusters that required nearly
$10, 000 per pound, costing millions of dollars [84]. Since the CMGs operate on power, and
there is an estimated excess power of approximately 1 MW, it is only logical to avoid using
thrusters. The power consumption of the CMGs in standby is approximately 25 W, and in
the driving slewing manoeuvre is approximately 37 W [130].

8.7. Driving requirement
The driving requirement comes from the avoidance of space debris, since this requires a
relatively fast rotation of the spacecraft compared to other slewing manoeuvres such as shield
pointing and thrust alignment. The spacecraft will orbit Earth for over a year at an altitude of
900 km. Currently there is more than 500,000 pieces of debris that orbit the Earth, and since
they travel with velocities up to 17,500 mph, small pieces can severely damage the spacecraft
[80]. Since collision would impose catastrophic failure, measures have to be taken. Earth
already possesses a station that tracks all the debris bigger than a fist. For debris smaller
than a fist the spacecraft is protected with a strong structure that shall withstand impacts
with a risk of penetration of 0.6 %, according to Section 11.4.1. Space debris bigger than a
fist is tracked by the ground station and the information is sent to the designated spacecraft.
In a worst case scenario, the spacecraft has to be able to rotate 180° in 2 hours and then
climb or descent 10 km in one hour.

8.8. Sizing
8.8.1. Sizing CMG
The actual sizing of the CMGs is done with the following equations:

𝜃 = 0.5 ∗ 𝛼 ∗ 𝑡ኼ (8.1)

𝑇 = 𝐼ፒፂ ∗ 𝛼 (8.2)

𝑇 = 𝐼ፂፌፆ ∗ 𝜔 ∗ 𝑐 (8.3)

𝐼ፂፌፆ = 0.5 ∗ 𝑚 ∗ 𝑟ኼ (8.4)

𝐼ፂፌፆ = 0.5 ∗ 𝜌 ∗ 𝑉 ∗ 𝑟ኼ (8.5)

𝐼ፂፌፆ = 0.5 ∗ 𝜌 ∗ ℎ ∗ 𝜋 ∗ 𝑟ኾ (8.6)

In the equations stated above, the 𝜃 is the angle which the whole spacecraft has to rotate,
𝛼 is the angular acceleration at which the spacecraft is rotating, 𝜔 is the angular velocity
of the spacecraft, T is torque, 𝐼ፒፂ and 𝐼ፂፌፆ are the MMOI’s of the spacecraft and the CMGs,
respectively.
According to Equation 8.1, a certain required acceleration is determined. From Equation 8.2,
the required torque is calculated, the MMOI of the spacecraft is computed in Chapter 11.
From the torque required, the MMOI of the CMG is generated from Equation 8.3 which gives
a preliminary sizing in which the CMG is assumed to be of cylindrical shape. The outcome of
this is a MMOI of 0.746 kgmኼ and a size of the CMG’s rotor of 0.38 × 0.38 × 0.1 m. The size of
the whole CMG will be approximately 2.2 times the rotor size according to [117], resulting in
CMG’s of 0.84×0.84×0.22m clustered in a group of 4. With a weight of approximately 100 kg
each ,based on calculations of the weight of the stainless steel rotor and the accompanying
CMG structure [117].
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8.8.2. Sizing Thrusters

𝑇 = 𝜋 ∗ √
(ℎፚ + ℎ፩ + 𝑅፞)ኽ

𝐺𝑀
(8.7)

𝑑𝑉 = 𝐼፬፩ ∗ 𝑔 ∗ 𝑙𝑛
𝑚፝

𝑚፝ +𝑚፩
(8.8)

𝑇 = �̇� ∗ 𝐼𝑠𝑝 ∗ 𝑔 (8.9)

Regarding the variables in Equation 8.7, T is transfer time with ℎፚ and ℎ፩ being the height of
the apocenter and pericenter, respectively. G is the gravitational constant and M the mass
of Earth. For Equation 8.8 dV is the amount of velocity difference needed for the transfer, 𝐼፬፩
is the specific impulse of the engine, 𝑚፝ and 𝑚፩ are the drymass and propellant mass. For
Equation 8.9, T is thrust, �̇� is the massflow and g is the gravitational acceleration constant.
The driving requirement regarding the sizing of the thrusters is that the spacecraft should
be able to avoid the incoming space debris with an altitude change of 10 km. This requires a
delta V of 5.082 m/s, according to the Hohmann transfer calculations, and this manoeuvre
shall be performed in one hour. This is because the worst-case scenario involves an impact
warning three hours prior, with certainty increasing over time, allowing the option to not
react at all when determined not necessary to save propellant. This requirement results in
an amount of thrust and propellant mass of 807.1 kg, calculated from the rocket equation
Equation 8.8. From these numbers, the thrusters and their tanks are sized. The 200 N
bipropellant thrusters, manufactured by the ArianeGroup, are selected for propulsion with
an Isp of 270 s [115]. This engine is illustrated in Figure 8.4. From Equation 8.9 the mass

Figure 8.4: 200N bipropellant thruster

flow is determined, which is 78 g/s. A total mass of 807.1 kg has to be burned to be able to
reach the required delta V for the Hohmann transfer, which assumes a impulsive thrusting.
As an assumption the team took 10 minutes as a maximum amount of time to consider the
thrusting an impulse. The thrusters should thus be able to burn 807.1 kg in 10 minutes.
To meet this, 18 of these engines are required. For redundancy, in case of failure, six extra
thrusters are used to provide thrust for each direction. The total amount of engines becomes
24. The amount of propellant is 807 kg per manoeuvre. Assume a maximum of three avoid-
ance manoeuvres per mission, a propellant mass of 2,421 kg is calculated. Monomethyl
hydrazine fuel and nitrogen tetroxide oxidiser has a density of 0.875 kg/l [60], resulting in a
tank volume of 2.767 mኽ.
8.8.3. Placing thrusters
Three clusters of eight thrusters are placed on the spacecrafts truss, evenly spread in terms
of distance to be able to provide thrust through the center of mass and not impose mis-
alignments of thrust. These are then used mainly to either let the spacecraft climb/descend
the ten km or momentum dump the CMGs. There are three sections of thrusters, with four
blocks per section and two thrusters per block, with 24 thrusters in total. When performing
the climb of 10 km these thrusters do not have to perform at their full potential of 200 N due
to redundancy. In case of one thruster failing, another thruster can be shut down to still
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be able to provide thrust through the center of mass without misalignment. The thrusters
would be placed on the sides of the truss structure, gimballed thrusters would be used so
that torque and thrust can be provided in every direction for momentum dumping and all
engines can be pointed in the same direction to provide the necessary thrust for the manoeu-
vre [45]. The direction of thrusting for this is manoeuvre in the direction of travel, in order
to perform the Hohmann transfer.

8.9. Radial Burn
For the team’s mission, a Hohmann transfer is used to avoid space debris since this is the
primary method learned by the team members to manoeuvre from one altitude to a higher
or lower altitude. However, a radial burn that might be more efficient was researched [59].
Unfortunately, this requires simulation models and time which is not on hand. According to
this source, radial burn is the most fuel-efficient manner to avoid space debris and can be
performed within half an orbit prior. Hence, creating the opportunity to have the most accu-
rate prediction of the incoming space debris. Which then at the last moment might indicate
that no manoeuvre is necessary, saving large quantities of propellant [101].
Radial burns would be the best option, however does not in the scope of this project un-
fortunately. A radial burn is a burn of the thrusters in the direction orthogonal to travel,
which then makes the spacecraft climb or descent in the most fuel-efficient and fast manner
[59]. The spacecraft can return to its initial orbit by either rotating the spacecraft and then
applying low thrust by the main engien or perform the manoeuvre using the ADCS thrusters,
depending on which is more efficient.

8.10. Capture burn
To be able to be captured by the Mars’ or Earth’s gravity field and achieve a circular orbit
around these planets a capture burn is performed. The transfer from Earth to Mars is a
low thrust transfer and two burns are performed, the first one to leave Earth’s orbit and the
second one to be captured by Mars. Regarding the second burn, a burn is performed in the
opposite direction of travel to decelerate and get in to the orbit of Mars. This capture burn
is another low thrust manoeuvre and for this reason the time is not really constraining the
manoeuvre since this is performed in approximately 30 days to spiralize in to Mars circular
orbit. For ADCS this doesn’t impose a driving requirement, since the manoeuvre can be
scheduled in such a time frame that the ’flip’ of the spacecraft to thrust, in the opposite
direction of travel, can be performed over the time of a day. Hence not imposing a driving
requirement since this slewing manoeuvre is considered slow. This manoeuvre is explained
and demonstrated further in Chapter 6.

8.11. Momentum dumping
The CMGs of the spacecraft can become saturated when they are holding their maximum
amount of angular momentum and can not hold more. The solution for this loss of control is
to desaturate the CMGs by removing the excess angular momentum from the spacecraft. This
is done by using thrusters to create an anticlockwise torque about that axis, slowing the gim-
bal rate down and desaturating the CMG [117]. The contingencies that were used in sizing the
tanks for the thrusters provide sufficient propellant for momentum dumping since this only
requires 6kg of propellant per saturated wheel [117], and they only have to be desaturated
once in 3-4months 1https://ntrs.nasa.gov/archive/nasa/casi.ntrs.nasa.gov/20100024204.pdf.

8.12. Sensitivity Analysis
The ADCS system consists out of sensors and actuators. If there is a sudden change in
pointing accuracy, turn rate, or mass moment of inertia, the configurations will change.
These changes are explained here.

• Pointing accuracy The pointing accuracy is limited by the CMGs, the current maxi-
mum accuracy is 0.001°, according to [130]. Since SMAD is a relatively old book, this
accuracy has improved but is still the limiting factor. If the required accuracy exceeds
this number, then a new type of ADCS is required which doesn’t exist yet. A pointing

1\unskip\penalty\@M\vrulewidth\z@height\z@depth\dp�
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accuracy smaller than 0.001° would prove unfeasible at the current state of technology,
there might be new developments of ADCS with a higher accuracy, however these TRLs
are too low at this moment.

• Turn rate If the turn rate would have to be twice as fast, this would increase the amount
of torque required according to Equation 8.2 since the angular acceleration, 𝛼, would
increase. If the turn rate would be twice as fast, the time for the turn would be half.
The relation between angular acceleration and time is quadratic and inverse, so a halved
time results in an increase of 2ኼ of the required torque. This would increase the mass
and power of the CMGs according to [130] with the relations depicted in the trade-off
table.

• Mass Moment Of Inertia The doubling of the MMOI would double the required torque
in accordance with Equation 8.2. This would once again increase mass and power of
the CMGs, but not up to an unfeasible extent.

8.13. Feasible limits
According to [130] the maximum accuracy is 0.001° , this is thus the limiting characteristic
regarding accuracy. For the turn rate and MMOI of the spacecraft this is determined with
respect to the required torque, since the maximum torque of a CMG is 500 Nm according to
[130]. For the turn rate this imposes a maximum of a turn in 850 s, since this time constraint
would exceed the torque maximum of 500 Nm. Regarding the MMOI of the spacecraft this
has a maximum of 2 × 10ዃ kgmኼ, when still fulfilling the requirement of performing the turn
within 2 hours. The results are displayed in Table 8.1.

Table 8.1: Feasibility limits.

Accuracy Turn Rate Mass Moment of Inertia
Feasability constraints <0.001° 850 s 2 × 10ዃ kgmኼ

8.14. Verification & Validation
The ACDS of the spacecraft consist out of CMGs, thrusters, star sensors, sun sensors, and
inertial measurement units. All of these have to be verified and validated in order to perform
safe, reliable, and accurate attitude determination and control.

• CMGs The CMG needs to be able to perform the required torque, gimbal rate, pointing
accuracy, angular momentum, rpm, and MMOI, which are displayed in the results sec-
tion Section 8.15. In order to verify and validate this, ground tests have to be performed
to prove the ability of performing these required specifications.

• Thrusters The thrusters of the spacecraft need to be able to generate enough thrust,
the tanks need to be big enough to store the required amount of propellant and the
total amount of thrusters should be clustered in pairs of 4 as stated in the results
sections Section 8.15. Ground tests are to be performed to verify and validate that
these requirements are met and that the system does not fail while thrusting.

• Sensors The ADCS consists out of six sun sensors, three star sensors, and two inertial
measurement unit. These units shall be able to determine the attitude of the spacecraft
with sufficient accuracy and sense the rotational and translational movement of the
spacecraft. This should first be tested in space simulators or at the International Space
Station to verify and validate these specifications.

8.15. Results

Amount Torque Rpm Gimbal Rate MMOI Size
CMG 4 27.88 Nm 6600 3.1 °/s 0.746 kgmኼ 0.8 × 0.8 × 0.2 m

Amount Thrust Tank Volume Weight Nozzle size
Thruster 24 200 N 2.767 mኼ 1.9 kg 95 mm

Sun Star IMU
Sensors 6x 3x 2x
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Electrical Power

The Electrical Power System section elaborates on the design process for the power system,
the main power source decided upon, the backup power source, the power management and
distribution system, the sensitivity analysis, and the verification & validation procedures.

9.1. Key requirements and constraints
The primary driving requirements for the EPS system include requirements EPS-01, EPS-
02, EPS-04, EPS-07, EPS-DIST-03, EPS-GEN-03, EPS-REL-02, and EPS-REL-03. These
mainly constrain the peak power driving requirements, mass requirements, backup system
requirements, lifetime, and radiation tolerance.

9.2. Midterm Trade-off results
Originally, energy harvesting, chemical, solar, radio-isotope, and fission power systems were
considered. Chemical and energy harvesting power systems were found to have unaccept-
able specific power, while the radio-isotope power system had a specific power that would
prove very challenging to use. Fission and solar power systems scored very similarly, how-
ever ultimately the fission power system was chosen as the primary power source due to its
independence from the solar energy constraints. Photovoltaics will be used as a secondary
power source, with secondary batteries for the eclipse duration, in case of emergencies. The
solar power system was designed around a critical power mode where mostly necessities are
powered until the fission power sources can be operational again.

9.3. Main Power Source Architecture
Nuclear power was chosen as a main power source for the spacecraft. There are two main
elements to this power generation system: heat generation and power conversion. The nu-
clear fission reactors function as a heat source. The fissile isotope of uranium, ኼኽ𝑈, is kept
in a critical state where it undergoes fission at a stable rate. This generates heat and is
then converted to electrical power using a closed-cycle magneto-hydrodynamic generator, or
CCMHD. The CCMHD has a conversion efficiency of 55 %. Based on research [104], it was
chosen to use 5 MWt fission reactors. A total of 4 reactor-CCMHD assemblies will thus be
needed, with the ability to provide 11 MWe. Of this, 9.6 MWe will be used by the 48 engines
on board, while the rest will be available for on board systems.

9.4. Multi-MW Fission Reactor
9.4.1. Fission Reactor Fuel Concentration
The main function of the reactor(s) will be to provide the thermal power necessary to run
the engines, which require a total of 10.4 MWe. A number of reactor properties need to be
considered for preliminary sizing. From a safety and cost point of view, it is desirable to
minimise the mass % of ኼኽ𝑈 in the reactor core. ኼኽ𝑈 is the fissile isotope that allows the
reactor to generate heat. Natural uranium contains 0.7 % of this isotope, and is enriched
to increase the % content of ኼኽ𝑈. Low enrichment levels (<20 %) are safer as they naturally
reduce reactivity in the core when the temperature rises. This is a passive safety system
and prevents inadvertent criticality events1. However, it is more difficult to keep the core at
the desired critical state during operation, and a higher mass of fuel is required to achieve
the same mass of ኼኽ𝑈. High enriched uranium (up to 97 %) reduces the amount of mass
needed, increases reactivity, but does not benefit from the same passive safety system. Active
safety systems can be used to ensure the core can always be brought back to a sub-critical
state. These are comprised of control drums and safety rods. The control drums are coated
in Beryllium (neutron absorbing) on one side and Bohr (neutron reflecting) on the other. The
reaction rate can then be controlled by rotating the rods, and choosing to reflect/absorb
1https://www.nuclear-power.net/nuclear-power/reactor-physics/nuclear-fission-chain-reaction/
reactivity-coefficients-reactivity-feedbacks/fuel-temperature-coefficient-doppler-coefficient/
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more or less neutrons. The safety rods are fully coated in absorbing material, and can be
inserted into the core from above in case an emergency shutdown is required. It is unlikely
that HEU can be used, as the danger of HEU proliferation restricts its use to government
controlled applications. Taking this and the passive safety characteristics into account, LEU
was selected for the mission. Figure 9.1 Shows a cross section of a reactor core for space
applications. This specific example utilises HEU, but the general layout is identical.

Figure 9.1: Reactor Core Cross Section

9.4.2. Fuel consumption and Sizing
The nuclear reactor on board will have to provide a total power of 10 MWe (where 9.6 MWe
is for the engines). The CCMHD study performed by NASA [104] states that a 5 MWt to 2.76
MWe converter (efficiency of 55 %) is readily scale able to space applications. It will therefore
be assumed the reactors are designed to produce 5 MWt each for 10 years. This means a total
of 4 reactors will be needed to provide all the necessary power (resulting in an excess power of
1 MWe). Since the average recoverable energy per fission is known (200.1 MeV), this thermal
power can be used to calculate a required reaction rate per reactor (1.56 ⋅ 10ኻ fissions/sec).
This results in a daily ኼኽ𝑈 consumption of 0.005 kg/day2. Assuming the engines will run
continuously during 10 years (2 years per mission, 5 missions), a total quantity of 19.2 kg
of ኼኽ𝑈 will be consumed by each reactor.

Finally it is important to ensure the reactors can sustain criticality, and thus generate power,
for the full mission duration. The critical mass is the mass of ኼኽ𝑈 needed in a core to sustain
fission (where each fission on average causes 1 other fission). This critical mass is depen-
dant on core geometry, core temperature, reflector state and enrichment percentage. For
preliminary calculations, it is assumed the critical mass will be similar to that of the core
designed in [95], a NERVA derived Low-Enriched uranium core. It can be deduced that the
LEU-NTP reactor core has a critical mass of 6.26 kg (it operates for 47h at 450 MWt). Using
Low-Enriched uranium, the reactors would then require 127 kg of uranium. A total of 635 kg
of 20 % ኼኽ𝑈 uranium will thus be launched during spacecraft assembly, and will not require
refuelling for a duration of 20 years.

With a density of 19.1 g/cm3, each reactor will contain a total volume of 6,500 cm3 of Ura-
nium. Based on the LEU-NTP reactor core [91], it will be assumed the reactor core uses
uranium-carbide composite, with 35 % volume Carbide moderator loading. This results in a
total fuel height of 35.58 cm, with a hexagonal rib length of 11.86 cm.
2https://www.nuclear-power.net/nuclear-power-plant/nuclear-fuel/fuel-consumption-of-conventional-reactor/
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9.4.3. Reactor Safety
Nuclear fission reactors are a very reliable source of power, but the operational safety must
carefully be analysed to avoid any accidents or negative impacts on the health of astronauts.
The main focus of safe design of a reactor is the prevention of inadvertent criticality (i.e.
The reactor core enters a (super-)critical state when it was not meant to). The risk preven-
tion guide of the IRSN [16] provides guidelines for the safe design of ground based reactors.
These safety design philosophies can be adopted for space reactors. In addition to the use
of LEU and control/safety rods, the reactor will be designed such that no single anomaly
can generate a criticality event. Secondly, two anomalies that cause a criticality accident will
always be independent of eachother. Finally, monitoring systems will be installed to identify
anomalies within acceptable time-frames. Also, reactors will also emit a certain level of radi-
ation. With built in shielding, fuel tanks and spacecraft shielding, NASA predicts a nuclear
powered trip to Mars will expose the astronauts to 11 mSv. The reactor will thus be designed
to limit reactor radiation exposure to this level.

Finally, the safety of the reactor during a potential launch failure has to be investigated.
The reactor core will be designed to withstand the worst case temperatures and pressures
experienced during a Falcon 9 launch failure. In addition, the reactor housing will need a
re-entry shield to prevent inadvertent criticality during unplanned re-entry.

9.5. Closed-Cycle Magneto-Hydrodynamic Generator (CCMHD)
An MHD generator is a device that converts the energy of a working fluid or gas into electrical
energy. An electrically conducting fluid is passed through an electro-magnetic field and a set
of electrodes. By Faraday’s law, a current is then generated3. The spacecraft will be using a
closed cycle MHD using noble gases as working fluids is considered [104]. This CCMHD uses
Helium and Argon as working fluids and uses a Brayton cycle to further compress the fluid.
In addition, the working fluid is re-generatively heated using a heat exchanger (re-generator
in figure). This cycle therefore achieves a conversion efficiency of 55 %. All stages of the cycle
are shown in Figure 9.2

Figure 9.2: MHD cycle

The CCMHD was chosen as it offers a higher thermal power conversion efficiency than any
3https://electricalvoice.com/magneto-hydrodynamic-mhd-power-generation/

https://electricalvoice.com/magneto-hydrodynamic-mhd-power-generation/
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Figure 9.3: Approximation used to get the Eclipse Duration.

other known system. Closed-Cycle MHD’s are more complex than open-cycle MHD’s, and are
at an earlier stage in their development. In addition, the specific mass that can be achieved
with such a system only becomes beneficial when a large amount of power needs to be gen-
erated (over 1 MW). As of yet, there have been no space missions with such high power
requirements. These are the two main reasons that Brayton Cycle CCMHD’s have not yet
been implemented on space missions. It is worth noting that open-cycle MHD’s have been
used in coal power plants in the past, but were not widespread as the increase in efficiency
is not worth the increased cost for ground based power plants.

To conclude the preliminary sizing of the primary power generation system, the 5 MWt fission
reactors are again considered. Each MHD will convert 5 MWt to 2.76 MWe, so one MHD will
be necessary for each reactor. This means a total of 8 MWt of excess thermal power will
need to be dissipated with radiators at full power operation. Note that at this operating
level, 1 MWe of excess electrical power is also being generated. The excess heat and electrical
power can both be reduced by adapting the reactor power level. For systems generating more
than 2 MWe of power, a specific mass (including radiators) of 3 kg/kWe [104] or lower can be
achieved. This translates to a specific mass of 2.13 kg/kWe excluding radiators. The radiator
mass was calculated for this specific design, and is discussed in Chapter 10.

9.6. Backup Power
One of the implications of using power from nuclear reactors is that there must be an al-
ternative power source to power the ECLSS such that the safety of the crew is ensured in
emergency scenarios. After considering both solar panels and stored power, solar panels
were chosen for the underlying fact that they can persist for times much longer than batter-
ies or fuel cells alone can. Obviously, using solar panels still needs secondary batteries for
power during the duration in eclipse.
Worst Case Scenario
The solar panels were sized by considering the worst case scenario for themission. This would
be located at the aphelion of Mars (249.23 10ዀ km [129]), where Mars is at the furthest point
from the Sun in its solar orbit. The largest eclipse time would be at Low Martian Orbit (LMO)
because of the increased orbit velocity needed to maintain such a close orbit. Specifically an
altitude of 400 km was taken. It is worth noting that these calculations were also made for
Low Earth Orbit, but were found less stringent than the Low Martian Orbit scenario. The
velocity was calculated using Equation 9.1. Using the Mars Fact Sheet [129], the gravitational
constant of Mars (GM or 𝜇) was found to be 4.2828 10ኾ km3/s2. The 𝑟ፒ፞፦።፦ፚ፣፨፫ፀ፱።፬ was taken
to be 400 km LMO orbit, assuming a circular orbit, as stated before.

𝑉ፎ፫።፭ = √
𝜇

𝑟ፒ፞፦።፦ፚ፣፨፫ፀ፱።፬
(9.1)

The duration of eclipse time at Low Martian Orbit was found by an approximation. Figure 9.3
shows a graphical representation of the steps taken.
Assuming that the distance of the Sun to Mars is significantly far enough to make Mars’
shadow edges parallel, the angle of the semicircle in eclipse was found. This angle was
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divided by 360° (or 2𝜋 for radians) to get a percentage of the orbit that the spacecraft is in
eclipse. With this percentage and the time of an orbit, the duration of eclipse was calculated.
Equation 9.2 summarises the mathematics used.

𝑡፞፥።፩፬፞ =
2𝜃
2𝜋
𝑡፨፫።፭ =

2 sinዅኻ( ፑᑄᑒᑣᑤ
ፑᑄᑒᑣᑤዄ፡ᑆᑣᑓᑚᑥ

)

2𝜋
(
2𝜋(𝑅ፌፚ፫፬ + ℎፎ፫።፭)

𝑉ፎ፫።፭
)[s] (9.2)

Power Requirements
Equation 9.3 [130] was used to calculate the total power required to sustain the spacecraft
with only solar panels. The 𝑃ፄፂፋ and 𝑃ፃፚ፲ are the powers needed during eclipse and during
sun respectively. From the backup power budget in Figure 4.5, the required power during
sunlight and eclipse was approximated to 10 kW including a 1.10 safety factor. The 𝑡ፄ፥ is
the time in eclipse from Equation 9.2, while the 𝑡ፃፚ፲ was found by subtracting the 𝑡ፄ፥ from
the 𝑡ፎ፫።፭. The efficiency’s listed, 𝜂ፃፚ፲ and 𝜂ፄ፥, are for how efficient the respective systems
are at transferring power to the subsystems. A Direct Energy Transfer (DET or dissipative)
power control system was taken due to its higher efficiency and lesser mass as opposed to
other control systems [130]. For a DET system the 𝜂ፄ፥ and 𝜂ፃፚ፲ have values around 0.65
and 0.85 respectively.

𝑃ፑ፞፪፮።፫፞፝ =

ፏᐼᑔᑝ፭ᐼᑔᑝ
᎔ᐼᑔᑝ

+ ፏᐻᑒᑪ፭ᐻᑒᑪ
᎔ᐻᑒᑪ

𝑡ፈ፧ፒ፮፧
[W] (9.3)

Under these circumstances, the total power (𝑃ፑ፞፪፮።፫፞፝) needed for the solar panels to collect
during sunlight operation is about 20.142 kW.
Solar Array Sizing
The next step in sizing the solar panels was analysing the solar cells. After much deliberation
between various solar cells, a conservative triple-Junction solar cell called the XTE LILT
designed by Spectrolab [114] was taken. The XTE LILT version was designed for the radiation
encountered on deep space missions, however the data provided only outlines the XTE-SF
(Standard Fluence) designed for LEO or GEO missions. At its Beginning-of-Life (BOL), the
solar cell has an efficiency of 32.2 % [114]. To calculate the solar cell’s efficiency after a
20 year mission, the yearly radiation degradation was extrapolated using the XTE-SF data
provided for a 15 year GEO mission. By taking the life degradation (𝐿፝) as 0.84 [114] for a 15
year mission and using Equation 9.4 to solve, the degradation per year was calculated to be
about 1.16 % per year. Then Equation 9.4 was used again to calculate the life degradation for
the 20 year mission, found to be about 79.187 %. It is worth noting that the actual spacecraft
design will include a shield to defend against a lot of the radiation that degrades the solar
cells, however it was not taken into account for calculations on sizing the array because the
degradation per year reduction could not be definitively quantified.

𝐿፝ = (1 − (
𝑑𝑒𝑔𝑟𝑎𝑑𝑎𝑡𝑖𝑜𝑛

𝑦𝑒𝑎𝑟
))(ፘ፞ፚ፫፬ፎ፩፞፫ፚ፭።፧፠) (9.4)

The solar irradiance at the Aphelion of Mars was calculated using 1358 W/m2 as the solar
irradiance at 1 Astronomical Unit (AU) from the sun and then taking a linear decrease as a
function of the distance to the sun squared. This can be shown being done in Equation 9.5,
along with taking the efficiency of the solar cells into account.

𝑃ኺ = 𝜂ፒ፨፥ፚ፫ፂ፞፥፥1358[
𝑊
𝑚ኼ
]

(1[𝐴𝑈])ኼ

(𝑎𝑝ℎ𝑒𝑙𝑖𝑜𝑛ፌፚ፫፬[𝐴𝑈])ኼ
(9.5)

The power at the BOL (𝑃ፁፎፋ) was calculated as shown in Equation 9.6 from SMAD [130]. This
includes the Inherent Degradation (𝐼 ) taken to be nominal at 0.77 [130] and the cosine loss,
which was assumed have at worst-case a Sun Incidence Angle (𝜃) of approximately 10°.

𝑃ፁፎፋ = 𝑃ኺ𝐼 cos (𝜃) (9.6)
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With the life degradation from before, the power at the EOL (𝑃ፄፎፋ) was solved for using Equa-
tion 9.7 and found to be about 94.6 W/m2.

𝑃ፄፎፋ = 𝐿፝𝑃ፁፎፋ (9.7)

The area needed was finally solved for by dividing the total power required (22.325 kW) from
before by the power at the EOL. Resulting in about 213 m2 of solar cells being needed. As-
suming a standard solar cell packing density of 85 % (that is 85 % of the solar array covered
in solar cells), the total solar array area needed is approximately 250.5 m2.
Battery Sizing
Firstly, the radiation effects for the battery types was analysed. After some research it was
found that Lithium-Ion Cells were proven to be tolerant of radiation levels up to 18 Mrads
(180 kGray) and exhibit a loss of less than 5% upon such high radiation levels [57]. It also
mentions Nickel-Cadmium cells showing absolutely no effects from radiation after intense
testing, however Ni-Cd batteries have less performance capabilities than Li-Ion batteries.
The radiation sizing for the electronics and batteries will be discussed in Section 9.7. Using
procedures outlined by SMAD [130], Equation 9.8 was primarily used for obtaining the ca-
pacity of the battery (𝐶፫) needed. The variables from the equation are as follows, 𝑃 ፥ is the
power at eclipse, 𝑇 ፥ is the max duration in eclipse in hours, 𝐷𝑂𝐷 is the depth of discharge
for the battery, 𝑁 is the number of non-redundant batteries, and 𝑛 is the efficiency of the
battery at transferring power to the load (taken to be a nominal 0.9 [130].) At baseline, 𝑁 was
taken to be 3 primarily since there could be one for each module and they would be safely
protected from radiation behind each module’s shielding.

𝐶፫ =
(𝐷)𝑃 ፥(𝑇 ፥[ℎ𝑟])

(𝐷𝑂𝐷)𝑁𝑛
[W hrs] (9.8)

After researching several batteries, The LP33037 - 60Ah Space Cell by Eaglepicher4 was used
due to its relatively high specific energy of 160 Whrs/kg. The batteries were derated by 10
% to avoid using the batteries at their nameplate rating[130]. The depth of discharge being
40 % was deemed acceptable since these batteries are still capable of withstanding over
40,000 cycles in LEO for 10 years of operation. Because these batteries are important for
the ensured success of the mission and the contingency of having extra batteries would not
impose a significant cost on the system, an extra battery for each non-redundant battery will
be stored (3 total at baseline.)
Backup Mass Estimate
The following preliminary mass estimates were made using a method designed for satellites
[43]. The mass for multi-junction cells can be approximated as about 3.8 times the area of
the solar array (𝐴ፒፀ.) The mass of the honeycomb substrates can be approximated to about
2.0 times the area of the solar array for composite panels, which are typically used for multi-
junction cells. The sum of these two add to the Mass of the solar panels (𝑀፩ፚ፧፞፥፬) as seen
in Equation 9.9. The mass of the solar array drives and electronics (𝑀ፒፀፃ) were taken to be
about 0.33𝑀፩ፚ፧፞፥፬ and the mass of the Solar Array retention and deployment mechanisms
(𝑀ፒፀ፝፞፩፥፨፲) were taken to be about 0.27𝑀፩ፚ፧፞፥፬. The Mass of the power systems electronics
during backup was estimated as (0.04𝑃፨ፚ) with 𝑃፨ፚ being the required orbital average power
of 10 kW from before. The mass of the six batteries, calculated using the 160 Whrs/kg from
before along with the 10 % derating, is about 265.64 kg. That is about 44.27 kg per battery.
These relations are summed in Equation 9.9 and total to approximately 2, 990.19 kg.

𝑀፩ፚ፧፞፥፬ = 𝑀፞፥፞ + 𝑀፬፮፬፭፫ፚ፭፞፬ = 3.8𝐴ፒፀ + 2.0𝐴ፒፀ = 1452.9 (9.9)
𝑀ፁፚ፤፮፩ = 𝑀፩ፚ፧፞፥፬ + 𝑀ፒፀፃ +𝑀ፒፀ፝፞፩፥፨፲ + 𝑀ፚ፭፭፞፫፲ + 𝑀ፏፒፄ (9.10)

𝑀ፁፚ፤፮፩ = 𝑀፩ፚ፧፞፥፬ + 0.33𝑀፩ፚ፧፞፥፬ + 0.27𝑀፩ፚ፧፞፥፬ + 𝑀ፚ፭፭፞፫፲ + 0.04𝑃፨ፚ (9.11)
4https://www.eaglepicher.com/sites/default/files/LP%2033037%2060Ah%20Space%20Cell%20%
20040319.pdf

https://www.eaglepicher.com/sites/default/files/LP%2033037%2060Ah%20Space%20Cell%20%20040319.pdf
https://www.eaglepicher.com/sites/default/files/LP%2033037%2060Ah%20Space%20Cell%20%20040319.pdf
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Figure 9.4: Electrical component locations on the Spacecraft

9.7. Electrical Power System
Having a primary power system and a backup power system is only as effective as the inte-
gration of both systems. This section will provide an overview of the combined Power Man-
agement and Distribution System (PMAD) and provide a preliminary, first iteration of the
electronics.
Radiation Shielding
The radiation requirement for the full 20-year mission is 20 Gray assuming that it is shielded,
as stated in Section 11.4.2. Juno’s electronics vault was expected to have a radiation en-
vironment of 25 Mrad (250 kGray), with the electronics being designed to tolerate 50 Mrad5
(500 kGray.) Juno’s mission to Jupiter involved a much harsher radiation environment due
to Jupiter’s radiation belts6. As a result, it was decided to use Juno’s design philosophy of
ensuring that the electronics tolerate double the expected radiation environment. Meaning
that the electronics will be designed to withstand 40 Gray of radiation throughout the 20 year
mission. The Li-Ion battery radiation tolerance of 180 kGray is still met. Also the electronics
on the outside the modules will have radiation shielding to maintain this standard.
Electrical Diagram
In Figure 9.4 is the generic power system to primarily showcase the locations of the major
electrical systems. For simplicity and clarity the subsystems being powered were excluded.
There are two Bus Systems for redundancy, however it is worth noting that their circuitry
will also include redundancies to ensure no single point of failure is possible.
Each module will have its own Bus system to ensure that their power systems still work in
case of disconnection. The solar arrays and MHDs both connect to two Bus systems located
in their close vicinity. The Figure 9.5 below is the first iteration on the electronics design for
the spacecraft. As stated before, a DET power control system was chosen due to its lower
mass and higher efficiency. A DET system utilises shunt regulators to dissipate the excess
power from the power generators such that the electronics have a controlled input. These
shunt regulators will be placed externally of the system to dissipate the power out of the
system. Electromagnetic interference was accounted for by use of a filter. All buses were
chosen to operate under AC distribution rather than DC because AC buses can be more
economical for a spacecraft with power requirements higher than 20 kW[5]. The mission is
working with an 11 MW power supply from the MHDs. A drawback is that the heritage for
space-qualified devices is lacking when compared to DC distribution systems. There would
also need to be point-of-load AC-DC converters, which are taken to exist for this report. Since
bus voltages have been increasing as missions become more power demanding[5], a high AC
Bus voltage design is proposed. Due to the sheer importance and limitations that arise from
5http://spaceflight101./juno/spacecraft-information/
6https://www.nasa.gov/mission_pages/juno/news/juno20100712.html

http://spaceflight101./juno/spacecraft-information/
https://www.nasa.gov/mission_pages/juno/news/juno20100712.html
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Figure 9.5: Electrical Block Diagram for the Spacecraft

the voltage at which the bus operates[99], this design constraint is left open to be chosen
on a later date when more data and information is available. There are six solar arrays
and six batteries in total, three batteries being auxiliary. Every system being powered has a
switch and an AC-DC converter, except the module buses. The module buses regulate their
respective subsystems, which also have switches and AC-DC Converters. For this report,
it was assumed that all subsystems operate on DC since that is the more popular case for
space missions. In actuality there would be a mix between subsystems that operate on AC
and DC. All controlled loads are in parallel to the main bus structures. A concern were the
cable losses due to how far the power generators and the modules themselves are, there
are three techniques to minimise cable loss. The first is a power-factor correction, done by
inserting a compensation capacitor after the AC generator output in order to compensate the
reactive power consumed at the inductive elements of the load. This is already implemented
in the electrical block diagram. The second is to use a higher AC voltage. The third is to use
cables with larger diameter, however these cables are more expensive and heavier.

9.8. Sensitivity Analysis
The Sensitivity Analysis for power is divided into the MHDs, backup systems, and PMAD
systems.
Fission reactors and MHDs
A reactor-MHD assembly is fixed at an electrical power output of 2.76 MWe. In the current
configuration, a total of 11MWe can be generated. The engines use 9.6, and other subsystems
are expected to use up to 350 kW, which leaves an excess power of 1,050 kW. The most likely
increase in power consumption would be due to an increase in dry mass and thus an increase
in engines. The current excess power allows for the addition of one engine. As the power
generated by each reactor assembly cannot be increased, a further increase in the number of
engines would have to be facilitated by adding a fifth reactor assembly. This would increase
the available power by 2.76 MWe (enough for 13 engines), while increasing the mass by 6
tons.
Backup Systems
As everything related to the backup system calculations have already been elaborated on
before in Section 9.6 and the sensitivity of the backup system can be deduced by going
through the relations, the major ones will primarily be covered. Power requirements for the
solar arrays scale linearly with the solar array and secondary battery parameters for mass,
area, and volume. Should there be a more stringent worst-case scenario, it would drive the
battery sizing primarily. An orbit altitude increase would reduce the size of the solar panels
and reduce the battery capacity requirement. If a closer orbit is desired, for instance 300 km
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altitude, the area of the solar arrays would be 260 m2 and the battery capacity needed would
be 21.5 kWh.
Power Management and Distribution System
The PMAD is very preliminary, circuitry design is a very iterative process and the PMAD is
bound to change several times before its final iteration. Possible causes for change include
adding more modules or more systems to be powered. The PMAD system is very sensitive to
changes in architecture such as these, but not very sensitive to actual power requirements
due to how considerable they already are. Architecture changes would include adding more
system ports, generators, solar arrays, batteries, module buses, module systems, or chang-
ing major design considerations. Use of DC buses would be less efficient and substantially
increase the mass of the overall electrical system.

9.9. Verification & Validation
The Verification & Validation for power is divided into the main constituents of the power
system: the fission reactors and MHD systems, the solar arrays, the secondary batteries,
and the PMAD.
Reactor-MHD Assembly
Both the reactors and MHDs will have to be designed, manufactured and tested for this
mission specifically. The concept of a nuclear reactor is widely used, but the application to
space propulsion generates additional safety concerns and importance of reliability. In order
to prove the reliability of the reactor, it will be held under operation conditions for the duration
of at least one mission cycle (i.e. 2.5 years). Finally, impact resistance of the reactor should
be tested. This will ensure that a launcher failure cannot induce inadvertent criticality. The
MHDs will undergo the same long term testing to prove the conversion efficiency of 55 %, After
ground testing, both systems will be tested in flight in combination with the radiators for the
same duration. This will validate the system functioning independent of ground systems,
and the long term thermodynamic stability.
Solar Arrays
The software used to design the solar arrays was verified with Solar cells were already tested
from the manufacturers. These results need to be validated with some test cells. Primarily
efficiency, radiation degradation, and the EOL efficiency for the 20-year mission. Solar array
electronics also need to be tested but that relates more to circuitry, which is discussed in
the Power Management and Distribution System section. The complete solar array when
finished needs to also be comprehensively tested to ensure all components are operating as
designed.
Batteries
The batteries have already undergone testing from the manufacturers, however the results
can be validated by purchasing test cells and further testing them. Test would orient around
the depth of discharge, how many cycles they can tolerate, safety mechanism tests, and
radiation tolerance tests.
Power Management and Distribution System
Circuitry must be constantly tested and ensured throughout every iteration to prevent any
single point of failure and prevent concentrations of failures in regions. Special attention
is paid during the iterative process to ensure that the subsystems actually work with the
provided power configuration. The module and power circuitry will be tested individually
and disconnected to the combined system, and then a comprehensive full system-integrated
circuitry test will be made. Software simulation testing will be used to verify the results while
live testing will serve to validate them. The final iteration being built and comprehensively
tested to ensure operability for the full 20 year mission. Testing will include a test on the
radiation tolerance, multiple failure mode scenarios, and a check to ensure that there is
minimal electromagnetic interference throughout the mission.
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Thermal Control

The thermal control subsystem is responsible for regulating the temperatures in the space-
craft for certain components and removing excess heat that is generated by the reactor.
Regulating the temperature on the spacecraft is important for a variety of reasons. Most
importantly is the survival and comfort of the passengers and the thermal relief that is nec-
essary to keep the reactors and engines running. To design such a system it is important to
recognise the total excess heat and the temperature requirements for other subsystems and
parts.

10.1. Key requirements and constraints
• THERMAL-04 - The thermal control system shall not exceed a mass of 25,000 kg.
• THERMAL-05 - The thermal control system shall have an average power usage of lower
than 300 kWe.

• THERMAL-06 - The thermal control system shall have a peak power usage of 250 kWe.
• THERMAL-DIST-07 - Thermal control system shall ensure the internal atmosphere will
have a temperature of 20°C.

10.2. Thermal Analysis
Before a certain thermal loop and its required radiators can be decided upon it is important
to determine the temperature ranges that are allowed. Furthermore it is necessary to anal-
yse the contribution to the thermal power that the spacecraft experiences from the different
heat sources. The thermal control subsystem should provide certain temperature ranges
for different systems. The general operating temperatures for certain components in space
systems are given below in Table 10.1.

Components Operating Temperatures (Celsius)
Digital Electronics 0 to 50
Analog Electronics 0 to 40
Batteries 10 to 20
IR detectors -269 to -173
Solar Panels -100 to 125
CMG’s 0 to 50
Cabin temperature 15 to 25

Table 10.1: Operating Temperatures for certain components in the spacecraft [63]

The control of operating temperature environments is also important to mitigate the thermal
cycling damage that can deteriorate the structure over time. Additionally, the propellant can
become unstable or can even become unusable if thermal control is not performed well.

Generally a spacecraft is experiencing thermal power input from the sun in both a direct
and indirect manner. Also the planet that is being orbited is providing a certain amount of
thermal input on the spacecraft. The main contribution of thermal power on the spacecraft
can be dissected into [63]:

• Direct Solar Irradiance
• Albedo from nearby Planets
• Infrared radiation from nearby planets
• Emitted Radiation 1

These individual contributions from the sun and the planets can be calculated for different
distances from the sun [63] [130]. The resulting fluxes for this mission at different distances
from the sun are given in Table 10.2.
It is important to note that the values found in Table 10.2 for the MHD Heat Generation are
significantly large due to the large amount of excess heat the generator creates. therefore,
1This is heat in the form of radiation that comes from the engines and reactors
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Type of Radiation 1 AU / Earth 1.5 AU / Mars
Direct Solar Irradiance [Watt/mኼ] 1,369.7 608.8
Albedo from planets [Watt/mኼ] 238.0 69.3
Earth/Mars Infrared [Watt/mኼ] 239.7 110.5

MHD Heat Generation [Watt] 8,000,000 8,000,000

Table 10.2: Type of radiation fluxes at different positions of the mission.

dissipating the excess heat will be the primary objective for the thermal control subsystem.
In space however getting rid of excess heat is only possible by means of thermal radiation.
Thermal relief in the form of convection and conduction is not possible because of the lack
of a medium in space. In order to get rid of heat the thermal control subsystem shall include
radiators that will actively or passively radiate thermal power outboard.

10.3. Radiator Types
Since radiation is the only way to dissipate thermal heat, the thermal control system is re-
quired to facilitate for a radiator to dissipate this excess heat. Literature study showed vari-
ous radiator designs and concepts that are feasible now or in the future. After some research
[4] [52] it was found that there are three radiator designs/concepts that showed relevance
towards the design constraints of this mission. These three will be further elaborated upon.

For a radiating thermal heat the following static thermal formula holds:

𝑄 = 𝜎𝜖፞፟፟𝐴፫ፚ፝(𝑇ኾ። − 𝑇ኾ፨ ) (10.1)

From this equation, which shows the heat radiated in Watts, it is clear that the effective emis-
sivity coefficient (𝜖፞፟፟), the radiator surface area (𝐴፫ፚ፝) and the initial equilibrium temperature
(𝑇።) can be increased to increase the amount of heat to be radiated out of the radiator. The
output equilibrium temperature (𝑇፨) can also be lowered but since the heat is radiated out
into space this temperature is typically fixed at 2.7 Kelvin. The Stefan Boltzmann constant
is equal to 5.67 × 10ዅዂ WmዅኼKዅኾ. All three concepts follow, within their designs, the above
mentioned formula [130].
High-Temperature Hybrid Radiator

Figure 10.1: Radiator system on the International Space station [15]

The solid radiator consists out of panels from aluminium that contain a coating that has a
certain emissivity coefficient. Throughout the panels there are heat pipes that will introduce
the working fluid into the radiator. It’s typical areal density is between 6 and 10 kg/mኼ, this
is without pumps, coolant and piping [54]. The radiators used in previous space applications
are not sufficiently efficient and do not sustain high enough conductivity to get rid of excess
heat in the ranges of nuclear reactors. This is mainly because of its generally low equilibrium
temperature (100 Kelvin on the ISS [108]). This is high enough to get rid of the heat produced
by direct and indirect sunlight. The hybrid radiator, however, can still be used to get rid of
higher thermal excess powers. This does make the design a bit more complicated. The emis-
sivity of the radiator is often already between 0.85 and 0.91, thus changes in the emissivity
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will not result in the significant improvements needed. Raising the equilibrium temperature
of the radiator will on the other hand result in significant improvements. However, the alu-
minium radiator/fins and heat pipes start to become structurally weak at around 700 Kelvin.
To raise the equilibrium temperature of the radiator some major design changes have to be
made. According to the Glenn Research Center (NASA) and the University of Massachusetts
(Amherst) [108][54],the radiator surface and radiator fins can be designed to be made out of
a carbon-carbon high thermal conductivity composite. Together with lining the heat-pipes
with a similar high thermal conductive composite [62] the equilibrium temperature of the ra-
diators can be scaled up to around 900 Kelvin, resulting in a significant decrease in necessary
surface area. Together with this advantageous temperature increase the areal density will
decrease to between 1.0 and 3.0 kg/mኼ For durability the heat pipe radiator scores reasonably
well having no single point of failure. Hence, a puncture of a radiator panel will not affect the
performance of the whole system. The specific power that the radiator typically can dissipate
will lie between 0.85 kW/mኼ (Solid aluminium radiator) and 7.5 kW/mኼ (Hybrid radiator) [4]
[54].
Curie Point Radiator
The curie point radiator is a concept radiator currently under development for space and
non-space applications. Due to the fact that higher power consumption will be required for
future space missions, including the possibility of having space habitats on the moon or other
planets, high power generation is necessary resulting in the production of significantly more
excess heat. To efficiently deal with this amount of excess heat, without having to employ
enormous radiators, two important factors have to be taken into account; the equilibrium
temperature has to be scaled up and the effective surface area/volume ratio has to be in-
creased. New radiators having a liquid metal working fluid can pose a solution to both of
these factors. One of such designs is the Curie Point radiator. The radiator has a working
fluid of liquid cobalt which is naturally black, resulting in a high emissivity and can attain
very high temperatures before it starts to boil [1]. The Curie Point radiator, as the name
suggest, relies on the Curie Point of the working fluid. When Cobalt is heated up to about
1, 388 Kelvin the material loses its ferromagnetic capabilities and can be ejected out of the
spacecraft in a very dense mist of liquid Cobalt. During the phase outside the spacecraft the
liquid Cobalt will radiate its internal heat to space and as a result its temperature will drop
down the Curie Point. This makes the liquid Cobalt retain its magnetic capabilities again
and the working fluid is drawn back into the radiator for the cycle to repeat again [88]. The
graphical illustration of the working radiator is shown in Figure 10.2.

Figure 10.2: Graphical depiction of the Curie Point
Radiator [13]

Figure 10.3: Graphical depiction of the Liquid Droplet
Radiator [128]

The equivalent temperature of the radiator is able to operate under is between 800 and 1, 600
K. Which makes it very efficient in dissipating large amounts of excess heat, especially from
concentrated areas such as the engines including its core. The specific power, theoretically,
is very large and is estimated to be around 300 kW/mኼ [1] and the specific density, estimated
at around 35 kg/mኼ, is quite high due to the bulky electromagnet and capturing shield.
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Liquid Droplet Radiator
The last concept radiator is the Liquid Droplet radiator. This radiator is based on the same
two principles as the Curie point radiator of having a high relative temperature of the working
fluid and ejecting it in a dense mist to optimise the surface area. This radiator however has
scored a higher TRL than that of the Curie Point radiator. The radiator has been tested
in the Japan Microgravity Center (JAMIC) and a prototype was also brought to space to be
tested during the STS77 mission [52]. The liquid droplet radiator, however, does not depend
on the ferromagnetic behaviour of the working fluid. The hot liquid working fluid will be
ejected at temperatures between 900 and 1, 600 K, depending on the system requirement,
and will travel in the vacuum of space to be collected a few meters later by the means of
a (slightly) magnetic collector. The colder working fluid will be collected and fed back to
the heat exchanger via designated heat-pipe for the process to be repeated [4]. Because
the mist is containing a large amount of droplets the total surface area is incredibly large
compared to their mass. This ensures rapid cooling while having a low areal density. The
combination of high equilibrium temperatures and a large surface area will yield theoretical
values for its specific power dissipation in the order of tens of megawatts [13] [128]. In
practical experiments reaching values for specific power of about 35 kW/mኼ [100]. For issues
that are the result of droplets travelling through open space like solar stripping of the droplets
by solar wind and the merging and colliding of droplets together due to the different velocities
of the droplets in the droplet sheet, solutions have already been devised [124]. The working
fluid does not necessarily have to be liquid metal. It can also be a high thermal heat capacity
oil with a low vapour pressure (as in the vacuum of space liquids quickly tend to evaporate)
that will be coloured black, if necessary, to increase its thermal emissivity [53] [13]. The TRL
is around 6 at the time of writing as the concept was proven in a space environment. In
Figure 10.3 a graphical representation is given of the Liquid Droplet radiator.

Before a final radiator system will be chosen, some aspects of radiator and mission design
has to be investigated in a bit more detail for the liquid droplet radiator (LDR) since it is not
proven in flight yet.
Single point of Failure
The LDR primarily consist of two very important devices; the generator and the collector, for
clarification look at Figure 10.3. One of the advantages of this radiator design is the low
weight. The generator and collector make up 80 % of the total weight of the radiator [100].
The liquid metal coolant is directed directly through the generator using the designated pip-
ing. The generator and collector, while being protected from the heat, are pretty vulnerable.
They are small in size so therefore the probability of being hit by a meteorite is relatively
slim, however, the impact will be enormous. It can be argued that this risk can be mitigated
using multiple (smaller) radiators that operate in unison or thicker protection. This is indeed
a way to mitigate the risk of failure of the radiator but this will also weigh down the weight
advantage of the LDR. For instance, to mitigate the risk, more surface area is needed and
therefore significant more pumping power is required. The weight advantage of having lim-
iting piping in the LDR design is also taken down when considering the protection against
micro-meteorites that the piping must contain. To conclude, the LDR is inherently protected
against micro-meteorites by not having a solid radiator panel but trillions of droplets, such
that the micro-meteorite can pass through. While less probable, the generator and collector
failure will have a disastrous, if not, catastrophic impact on the mission. To mitigate the risk
the LDR will lose out on a fraction of the weight and size advantages [128].
Radiator usability during manoeuvres
During the burn and retro-burn towards Mars (and back to Earth) the spacecraft has to yaw
180 degrees about its z-axis. During this manoeuvre the radiator, while being less active due
to the throttling down of the reactors, is still required to be operational. This manoeuvre,
however, takes a significant amount of time, in the order of days. The droplets that are ejected
out of the radiator travel with a speed between 20 to 30 m/s over a distance of roughly 8 to
15 m. Together with the fact that experiments showed generator ejection accuracy’s of down
to 1 miliradian for the liquid droplets, it can be concluded that during such manoeuvres the
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radiator can remain fully functional and is on this criteria fully compatible with the mission
[100].
Long term thermodynamic stability
The thermodynamic stability greatly depends on the temperature difference between the
coolant and the heat source, in this case the engine and reactors. The temperature dif-
ference between these should be significant large enough for heat transfer to happen. While
this thermodynamic principle has been proven in a multiple experiments, [100], the stability
over longer duration is not proven yet. With stability the remaining temperature difference
over longer period is meant to remain stable and significant enough for heat transfer to oc-
cur. This thermodynamic stability has not been modelled yet and therefore it is unsure if
this radiator will be able to provide the heat relief (in the order of megawatts) over the time
span of a mission to Mars and back to Earth [53].
Inter-reflective droplet efficiency
The radiation principle relies on the fact of infrared radiation radiating from the liquid droplets
into the coldness of space. Since droplets in space are (almost) perfectly spherical the radia-
tion therefore radiates in 360° . The efficiency of heat rejection depends on the density of the
liquid mist. The closer the droplets are to each other the more heat is radiated towards their
neighbouring droplet. A way to mitigate this lose of inter-reflective efficiency is to separate
the droplet streams by making the generator and collector wider. During simulation in space
during the STS-77 mission and the more elaborate experiments on the ground ([100]) this
efficiency was already taken into account and the amount of heat rejection was still more
efficient compared to the normal radiator.
R&D Schedule and Costs
One of the main requirements for this mission is to bring astronauts to Mars before 2040.
The current technology readiness level of the liquid droplet radiator is at 6, meaning that the
LDR concept has been demonstrated in a relevant environment. To bring the concept LDR to
a TRL of 9 it should, in order, firstly perform a full system demonstration in a space environ-
ment. Until now only certain subsystems of the concept has been demonstrated during the
STS-77 mission as the Liquid Metal Thermal Experiment (LMTE) experiment in 1996 [89].
Secondly, a complete thermal system including the thermal loop should be tested in space
to bring the TRL to 8. Lastly, the LDR should be incorporated in an actual mission, prefer-
ably in human space flight to make the thermal system ”flight proven” and bring the TRL to 9.

Behind these three TRL levels there is a lot of research and development necessary. This
𝑅&𝐷 will, above high development cost, require a lot of time. The development of the LDR
in estimated time and cost is dependent on a lot of factors. One of the most important of
which is the Advancement Degree of Difficulty (AD), which will anticipate the difficulty over
the course of a technology maturation project. AD is determined through consideration of
cost, schedule, and risk across several dimensions, including, among others, design and
analysis, manufacturing, test and evaluations and operations [6]. Assuming the average
development rate in space flight the development time to bring the LDR from TRL 6 to 9 will
take something between 15 and 25 years, including a safety factor for required reliability
necessary human space flight obtained at the level 9 [6]. Given the requirement mentioned
earlier it can be concluded that the mission will be significantly delayed if the LDR will be the
chosen radiator design. The development costs for the LDR are estimated to be between 20
and 50 million US dollars. Although these ”millions” will be a fraction of the total cost of the
mission it will still be millions that can be used for something else if the hybrid solid radiator
is chosen.

10.4. Radiator Trade-off
For the radiator trade-off specific power, specific density, Technology Readiness Level, Re-
liability and durability were deemed the most important criteria for the radiator trade-off.
The specific power, specific density and TRL were discussed earlier and in the trade-off their
relative score towards each other is depicted. For reliability the stability of the excess heat
output is the driving parameter. For the flight proven classic radiator with heat-pipes this is
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obviously very high as it is optimised already for space applications. The reliability for the
Curie Point radiator is low. This is because the collection of the hot metal working fluid is
not constant and stable for longer duration where a high equilibrium temperature is main-
tained [88], but this is probably the result of the low TRL of the system. The reliability of
the droplet radiator is proven to remain stable during longer operation. However the current
design shows a decrease in efficiency over time [100]. Durability of the radiator system is
really important to consider as the radiator will have a significant surface area at generally
vulnerable less protected part of the spacecraft. The radiators are optimised for thermal heat
dissipation and therefore generally not really protected for micro/macro meteorite impacts.
The solid (hybrid) radiator scores low on this criterion as the surface area is much higher
than for the other designs and the panel/heat pipe array generally affects a larger portion of
the radiator when punctured. The Curie Point radiator is really durable as the mist genera-
tor is well protected and the there are no single points of failure. The durability of the liquid
droplet radiator is also pretty good as the effective surface area of the radiator is made up
out of liquid metal droplets. If a meteorite passes through this area of mist only a certain
amount of coolant will be lost. In Figure 10.4 the scores for the criteria are shown.
The liquid droplet radiator is surely a very promising technique for the future of nuclear space
propulsion. However, combining the reliability/ durability with the 𝑅&𝐷 schedule and costs
this concept is not mature enough to be used, at this point, for interplanetary human travel.
Therefore it is decided that the high-temperature hybrid radiator will be used for the Primary
Thermal Control Subsystem.

Figure 10.4: The trade-off table for the radiator trade-off

10.5. Detailed Radiator Sizing
The radiator panel can now be designed for the excess heat that shall be dissipated according
to Table 10.2. Besides the radiators also the spacecraft with its habitat will radiate some of
the heat out. To calculate the total heat balance of the spacecraft first the radiator panel will
have to be designed. The layout will be discussed later.
Radiator Panel Sizing
The radiator panel to be used is, as discussed earlier, a hybrid panel consisting of an aluminium-
carbon hybrid combination heat-pipe with carbon-carbon fins. The outer-shell of the radiator
panel is made out of aluminiumwith a matt-Carbon black paint known as NS-7 Carbon [130].
This paint will make the radiators attain an emissivity of 0.88. The heatpipes considered will
be the elaborately tested Inconel 718 pipe made out of a TiCuSil braze with a lining of Mit-
subishi KI3C2U (pitch) carbon fiber. The combination of carbon lining in the heat-pipes and
the use of carbon fins will make it possible to reach temperatures between 800 and 900
degrees Celsius [108] [62]. The equilibrium temperature of the radiator, being the average
temperature at which the complete cluster of radiators will radiate, is set to be 350°C. The
panels accommodate for the attachment of other panels by the use of hinges. The coolant
that flows through the radiator will be led to the other panels by the use of flexible hoses
between the panels. Furthermore there will be a folding mechanism that will also provide
structural strength in the radiators. The individual radiator panels will be positioned in an
25° angle. This will have reduction of radiator width of about 10 % which yields a significant
reduction in moment of inertia. On the other hand some inter-reflective radiation occurs
between the panels due to this 25 degrees angle but this will only result in a loss of efficiency
of about 3.5 % [108]. The main heat-pipes coming from the main heat-exchanger will carry
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the coolant through the adaptor into the (smaller) radiator heat-pipes. The technical drawing
of the radiator panel is depicted in Figure 10.5.

Figure 10.5: Technical Drawing of the individual radiator panel

The required surface area to get rid of the described excess heat in Table 10.2 depend on the
surface area of the spacecraft subjected to the sun and in the shade, the distance from the
sun and the emissivity of the spacecraft and radiators. This is summarised in Figure 10.6.

Figure 10.6: Driving Parameters for Radiator
Sizing

Figure 10.7: Detailed Sizing of the Radiators

Using Equation 10.1 a detailed radiator size design can be made. This is depicted in Fig-
ure 10.7. Since the radiators of the spacecraft are in plane, in the travel direction, with
the solar rays the flux on the radiators is minimised. Second to that, the radiators are de-
signed to pivot around their longitudinal axis and can fold. This makes sure that the flux on
this significant radiator surface area is minimised throughout phases in the mission where
the nominal radiator position can not be guaranteed to remain in plane with the solar rays.
Even though taking these assumptions the the radiator is designed for the worst case, close
to earth, having to deal with the largest solar fluxes during the mission. The 25° angle under-
which the radiators are placed result in extra, be it a tiny portion, flux on the radiators. Hence
the sizing of the radiators is an iterative process. To accommodate for the solar flux on the
radiators and other uncertainties a safety factor of 1.15 was added to the required radiator
surface area, this is estimate made by the preliminary sizing of the JIMO mission done by
NASA [73]. The final surface area was found to be around 630 mኼ that is able to radiate on
both sides.
Layout of radiators
The position and relative location of the radiators is important for the functionality of the
thermal control system as a whole and for the integration of the spacecraft. First the layout
of the radiator panels influence the efficiency of thermal radiation significantly. Secondly, the



10.5. Detailed Radiator Sizing 60

radiators have a significant surface area compared to the engines and the habitat. therefore
the location and integration of the radiators into spacecraft is important as it drastically
influences the moment of inertia and the center of gravity location. This on its turn will also
influences the propulsion and ADCS and even the communication subsystem. The layout of
the individual radiator panels with respect to each-other influences the total efficiency. The
hot coolant coming from the engine and reactors is introduced into the radiator to cool down.
The speed and therefore areal efficiency at which this coolant is cooled is dependent on the
thermal transfer coefficient of the radiator. The thermal transfer coefficient is dependent on
the conductivity of the material and describes the rate of cooling that is directly proportional
to the temperature difference and the heat transfer area following the relation described in
Equation 10.2.

𝑑𝑄
𝑑𝑡

∝ ℎ𝐴Δ𝑇 (10.2)

Where ℎ is the heat transfer coefficient (Watt/mኼ⋅ Kelvin) and, amongst others, depends on
the characteristic length of the heat transfer area and the mean film temperature of the fluid.
According to multiple studies in radiator designs it was proven that this relation describes
the most efficient thermal transfer for radiators in a trapezoidal layout [7] [73]. Meaning
that the hottest part of the coolant loop will be introduced in radiator panels having the
smallest length/area. The smaller length of this particular radiator panel makes the thermal
transfer more efficient as it can radiate out larger amounts of thermal power (at a very hot
temperature) over a smaller length only. This trapezoidal design will therefore make more
efficient use of the available radiator surface area, hence making the overall surface area
smaller. Starting from the engine (where the temperature is highest) the radiator panels will
increase step-wise in length as the coolant decreases in temperature towards the habitation
module.
This trapezoidal layout makes the overall surface area for radiators smaller but the length of
the required truss will increase. The trapezoidal layout can be worked out in multiple ways.
The team decided upon analyse the two following concepts; the split up trapezoidal ”butterfly”
design and the trapezoidal ”Delta wing” design. Both layouts are depicted in Figure 10.8 and
Figure 10.9.

Figure 10.8: The trapezoidal ”butterfly” design
schematic. Not to scale

Figure 10.9: The trapezoidal ”Delta wing” design schematic. Not
to scale

To find out what the best type of layout is for the spacecraft, taking into account the integra-
tion of all subsystems and the modularity of the concept, both concepts were analysed for
the following points;

• Changes in Moment of Inertia
The main difference between the two layouts is the difference in moment of inertia on its
lateral axis. For the ”Butterfly” layout the two largest weight contributions of the habi-
tat and the engines/reactors are lumped close to each other. Where in the ”Deltawing”
layout the truss is required to be larger, separating the habitat and engines/reactors
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further from each other. After analysis, Section 11.8, of the mass moment of inertia
(MMOI) the ”Butterfly” concept showed a significant reduction in MMOI of about 75 %
compared to the ”Deltawing” concept. However, the large MMOI for the ”Deltawing”
concept is shown (Chapter 8) to not have a dramatic effect on the required ADCS capa-
bilities, as the manoeuvres the spacecraft is expected to perform are generally with low
accelerations and therefore over longer time duration’s.

• Heat-pipe Flow Optimisation
The hot coolant coming from the heat source (the engines plus reactors) should be
introduced into the radiators as efficient as possible, reducing the heat-pipe thermal
adjustments necessary for the heat-pipe to carry the hot coolant over a longer duration.
In the ”Deltawing” the coolant coming from the heat source is introduced very efficient
(red. small amount of high thermal resistant pipes) into the radiators. Using the ”But-
terfly” concept the coolant has to travel through longer thermal resistant heat-pipes
located in the truss before it is introduced into the radiators. Also a more advanced
valve infrastructure is needed to split the coolant in two separate radiator clusters.

• Fuel Tank Placement
The propellant tanks have to be placed on the truss of the spacecraft. The ”Deltawing”
concept provides a long enough truss to cope with the required propellant tank stor-
age space. Furthermore they can be easily cryo-cooled as all the pumps, coolers and
necessary piping and valves are located in-line of the truss, increasing the modularity
potential. For the ”Butterfly” concept the truss is cut into smaller individual truss sec-
tions, limiting the size of the propellant tanks to be mounted. Furthermore the fluid
infrastructure to cryo-cool the tanks and to direct the propellant towards the engines is
more involved.

• Required Heat Protection for Habitat
The radiators will radiate heat at high temperatures throughout the trapezoid. The
short radiator panels radiate at the highest temperatures. The ”Deltawing” concept
therefore provides enough spacing between the habitat and the hottest radiators plus
that the temperature (going towards the habitat) of the radiator gradually decreases.
This makes the heat protection that is necessary on the face of the habitat that ”looks”
towards the radiators minimal. The width of the heat-shield at this side of the habitat is
also minimised. On the contrary, the ”Butterfly” concept will have the hottest radiator
panels significantly close to the habitat and the width of the radiator in lateral direction
is significant larger. Resulting in more heat protection on the habitat and a wider heat-
shield in lateral direction.

After analysis it was concluded that based on the points discussed above the ”Deltawing”
concept is the optimal layout for the radiator, minimising the required heat protection for
the habitat, making the piping and tank placement less complex and heat dissipation more
efficient. The layout of the integrated radiator cluster within the spacecraft can be found in
Figure 10.10. Figure 10.11 provides an isometric view of the radiator subsystem.

Figure 10.10: Topdown view of the integrated
thermal control subsystem

Figure 10.11: Isometric view of the cluster of radiator
panels
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Thermal Loop Design
To distribute the heat throughout the spacecraft the thermal control system is relying on the
working fluid that will be main player in the thermal loop. The loop begins with at the MHD
Generator which is the main heat source for the spacecraft. The thermal loop is therefore
primarily designed to cool down the MHD and transferring the heat towards the radiators.
The MHD units have a total heat output of 8 mega-watts. The working fluid throughout
the reactors and engine is a combination of Xenon/Helium low temperature plasma. The
excess heat of 8 mega-watts, carried by this plasma/working fluid, will be transferred into
the primary thermal working fluid by means of a heat-exchanger. The plasma will enter the
heat-exchanger with a temperature of 420 K [104]. The radiators are designed and optimise
to radiate with a equilibrium temperature of about 350°C or 622 K. So the primary thermal
working fluid that will flow through the radiators should be able to attain a temperature range
between approximately 200 and 800 K. The working fluid chosen is the High Temperature
Molten Salt Heat Transfer Fluid (MS-2) 2, that is a combination of molten salt dissolved in
a combination of water and oils, having a low toxicity. The temperature range of MS-2 is
between 130 and 500°C, or between 403 − 773 K. So the heat-exchanger will need to use a
combination of compressors to heat up the working fluid from 420 K to around 800 K. After
leaving the heat-exchanger the MS-2 working fluid is transported towards the radiators to
cool it down, working at a equilibrium temperature of 620 K. After the working fluid leaves
the radiator, considering a thermal transfer coefficient for aluminium of about 237 Watt/mኼ⋅
Kelvin and a preliminary analysis that describes the conductivity between the working fluid
and the radiator panels, the temperature will be somewhere between 180 and 220°C [2]. The
(MS-2) working fluid now enters a second heat-exchanger that will transfer the heat into a
thermal loop using a glycol/water combination as the working fluid. This working fluid has
a great heat-capacity and is non toxic. The working fluid is used to heat up the habitat
since the temperatures of the working fluid are still higher than the required equilibrium
temperatures. To maintain equilibrium the working fluid can be redirected using valves to
lower the amount of heat input in the habitat from this glycol/water loop. Coolers are used
to cool down the habitat if required and the heat coming from the coolers will be added to the
working fluid. After passing by the habitat the working fluid will have a temperature between
60 and 100°C approximately [2]. The thermal loop can be split into 4 groups; heat acquisition
subsystem, heat rejection subsystem, external active thermal control subsystem (EATCS)
and the internal active thermal control subsystem (IATCS). A schematic of the thermal loop
is shown in Figure 10.12.
Thermal Design for Habitat
The habitat will be thermally insulated using a combination of different layers known as
Multi-Layered Insulation (MLI). This material will passively control the thermal flux coming
from the sun and radiators radiating into the habitat. However, MLI doesn’t protect the
spacecraft from internal heat conduction or convection but this is not unfavourable in space
and will yield a distribution of the temperature over the spacecraft. MLI consists of multiple
layers of lightweight reflective films. These films are typically made from a combination of
polyimide, polyester and thin layers of aluminium. It also protects the habitat against dust
impact and shield external delicate instruments. The side of the habitat that is directly
oppose the radiators is receiving significantly more infrared radiation than the other parts of
the habitat, the layer thickness of MLI will be increased. The MLI will be located underneath
the radiation shielding of the habitat.
Internally, the habitat will be heated by the coolant loop described in Figure 10.12. To main-
tain an internal equilibrium temperature range of 15 to 25°C, coolers are located (using elec-
trical power).
Mass and Power Estimation
Now that all the required systems are known and have been sized the mass and power bud-
gets can be constructed. The mass is estimated based on the size and working fluid loop
architecture of the thermal control system. The power required to power the thermal control
2https://www.dynalene.com/product-category/heat-transfer-fluids/dynalene-molten-salts/

https://www.dynalene.com/product-category/heat-transfer-fluids/dynalene-molten-salts/
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Figure 10.12: Thermal control loop graphical illustration

system is based on the amount of working fluid that have to be pumped around and the
power the heatexchangers require. Both mass and power budgets are based on mass and
power analysis of the ISS and scaled linearly, using multiple data points, accordingly [4].

Weight category Mass [kg] Weight category Mass [kg]
Radiator Infrastructure: 7971.1 Thermal Infrastructure: 9,909.2
Radiator, Heatpipes and Connector 3,268.4 Large Heat Exchangers 377.4
Fluids [MS-2] 900.9 Small Heat Exchangers 250.0
Pumps 928.9 Piping and Plumbing 7,229.7
Instruments and Sensors 985.3 Fluid per EATCS Loop [MS-2] 656.1
Valves 291.5 Fluid per IATCS Loop [Glycol/Water] 1,396.0
Electrical Flow Control 1,596.1

Weight category Mass [kg] Weight Category Mass [kg]
Passive Thermal Insulation: 696.2 Thermal Power system: 869.2
Multi-Layered Insulation 696.2 Pumps and Valves 869.2

GRAND TOTAL: 19,445.5 kg

Table 10.3: The Mass Budget of the Thermal Control Subsystem [4]

Thermal Control Component Power Required [Watt]
Pumps and Compressors 148,633.2
Valve systems 10,617.4
Heat Exchangers 785,543.6
Radiator deployment mechanism 8,425.1
GRAND TOTAL: 246,219.3

Table 10.4: The Power Budget of the Thermal Control Subsystem [4]

Both the mass and power budgets are depicted in Table 10.3 and Table 10.4 respectively.

10.6. Special Thermal Load Cases
During different phases in the mission the thermal control requirement changes. For exam-
ple, during the transfer to Mars with engines operative the thermal control requirement is
different from the phase where the spacecraft orbits around Mars with the engines inoper-
ative. The thermal control system should be flexible in the regards that it can provide the
necessary thermal budgets throughout all the phases that might occur in the mission. Below
a small explanation is given how the thermal control system will be operated throughout the
different phases.
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Engine Down in Pre-retro-burn Manoeuvre
During the yawmanoeuvre of the spacecraft to position itself for the retro-burn when entering
the Mars or Earth parking orbit the engines are inoperative. The reactors still provide the
necessary power to power the ECLSS and other crucial subsystems on the spacecraft. Since
the reactors are less active the total excess heat is smaller, hence a portion of the radiators
can be retracted. If a power outage occurs the back-up solar panels can power the thermal
heaters in the habitat. If more thermal heat is required to heat up subsystems or modules
the radiators can be used to generate extra heat. The spacecraft has to rotate 90° over its
longitudinal axis to point the radiators perpendicular to the solar-rays. This will reverse the
cooling effect of the radiator by heating up the working fluid by the use of the black radiator
panels. This working fluid will then be pumped towards the systems that require thermal
heating.
Orbiting
During the orbiting phase around Earth or Mars the engines will be inoperative. The reactors
provide for the necessary power for the spacecraft. The heat that is the result of this power
generation can be radiated out by the use of (a portion) of the radiators. In this case a sig-
nificant portion of the radiators will be retracted. This decrease the chances of deterioration
and collisions with micro meteorites. The same reversed heating principle can be used in
case of a power outage as described above.
Working Fluid Leakage Mitigation
In case of a puncture by a micro-meteorite or an unexpected leakage of some kind, the work-
ing fluid has to be protected from leaking out. The radiators have sensors in the piping and
panels to detect pressure lose in the heat pipes. Upon detection of a pressure loss as the
result of a leak a involved valve system will close down the branch in which the leak was
detected. This will temporarily make the designated radiator panel in-operative such that
the panel and leak can be repaired by the crew and the robot-arm. The piping architecture
minimises the effect of the loss of surface area during this temporarily period. The safety fac-
tor included in the sizing of the radiators also makes up for this temporarily smaller effective
surface area.

10.7. Sensitivity Analysis
The thermal control system design is dependent on a lot of factors. The system is primarily
connected to the reactors and the engines that deliver the largest portion of the excess heat.
To take this connection and the consequence on the design into consideration for further
design iterations a sensitivity analysis has to be performed. The sensitivity analysis will be
performed on the top level design requirements for the thermal control system that primarily
drive the sizing of the radiators. The sensitivity analysis will additionally give a lot of insight
in how the subsystem will behave in the required modularity of the spacecraft.
System Response to Additional Reactor
Since the spacecraft is being designed for different mission characteristics the electrical power
or thrust required for each individual mission can vary. This means that the reactor/engine
subsystem has to scale accordingly, consequently varying the thermal excess heat per mis-
sion. The thermal control subsystem is driving the overall lay-out of the spacecraft signif-
icantly so the response of the required surface area of the radiators, after adding an extra
radiator, is especially interesting. The nominal design surface area is, as discussed ear-
lier, 620 mኼ. Adding an extra reactor will scale up the excess thermal power with 25 %.
By analysing the radiator surface area behaviour to this extra reactor it was found that the
surface-area increased to 779 mኼ still including the safety factor. This is an approximate
increase of 24.4 % and therefore it scales linearly with a gradient smaller than 1. The mass
and power estimates went up from 19.4 t and 246 kW to 23.8 t and 306 kW respectively. That
equates to a mass increase of about 22.8 % and a power increase of about 24.4 %. It can be
concluded that the surface-area, mass and power scale up approximately linearly with larger
excess heat power levels.
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System Response to a Lower Equilibrium Temperature
The high temperature hybrid radiator panel that was designed to operate at an equilibrium
temperature of 623 K has not been tested in space over a long duration. Exposure to the harsh
space environment over the duration of multiple missions can negatively affect the radiator
panel operating temperature. As described in Equation 10.1 the equilibrium temperature is
the biggest contributor to the required surface area for the radiators. It scales with the power
of four. To analyse the affect of this degradation of equilibrium temperature on the surface
area, mass and power of the thermal control system the temperature will be scaled down to
523 K, a 16 % reduction. The analysis showed that the surface area increased from 620 mኼ

to around 1, 261 mኼ, a significant 200 % change. The power scaled up with the same factor
to 496 kW. The mass increased to roughly 36 or with 183 %. Thus changing the equilibrium
temperature, as expected, will greatly affect the thermal control subsystem.

Increasing Thermal Excess Power (25%) Old Value New Value Percentage Change
Surface Area Sensitivity 620 mኼ 779 mኼ 24.4 %
Mass Sensitivity 19, 445 kg 23, 859 kg 22.8 %
Power Sensitivity 246 kW 306 kW 24.4 %

Table 10.5: Increasing Thermal Excess Power Sensitivity Analysis

Equilibrium Temperature Degradation (40%) Old Value New Value Percentage Change
Surface Area Sensitivity 620 mኼ 1, 261 mኼ 200 %
Mass Sensitivity 1, 9445 kg 35, 731 kg 183 %
Power Sensitivity 246 kW 496 kW 200 %

Table 10.6: Equilibrium Temperature Degradation Sensitivity Analysis

The results are summarised in Table 10.5 and Table 10.6.

10.8. Verification & Validation
Before the actual manufacturing and assembly phase the thermal control subsystem has to
be verified and validated. The thermal analysis of the radiator design and the consecutive
sizing should be analysed in more detail to check and iterate for further design stages. This
verification can be done using a combination of a computational fluid dynamics tool and a
thermal transfer program. This will give more insight in the actual heat transfer throughout
the radiators and piping structure. The result from this verification can help estimate the
temperature at each independent radiator position. Also the heat flux from the radiators
on the habitat will tell a lot about the efficiency of the thermal control system as a whole.
The structural strength of the carbon-fibre/aluminium integration and the durability of the
radiators, when experiencing a small meteorite hit, can be modelled extensively with the use
of Finite Element Analysis.

After the radiators and control loop have been manufactured the entire system can be tested
extensively on the ground and in a space environment. The radiators should be tested by
a simulated excess heat source and an analysis on the thermal conductivity and irradiance
coming from the radiators, including their efficiency’s, can be performed. This system can
be tested as an integrated whole together with the MHD’s and reactors since the reactors
have to be tested for 2.5 years. During this demonstration the equilibrium temperature of
specific components within the thermal control subsystem will give the possibility to tweak
the design and to get rid of unforeseen anomalies.
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Spacecraft Structures

The structures subsystem is comprised of all elements that allow the integration of other sub-
systems in the spacecraft (by providing attachment points, structures, modules and other),
and allow the spacecraft to withstand all load cases throughout the mission. Additionally,
the general external layout of the spacecraft is largely defined by the structures subsystems.
This chapter outlines the general considerations made in the definition of the external layout
of the spacecraft, as well as the detailed design of the module radiation shielding, module
structure, docking ports and Remote Manipulator System (RMS).

11.1. Key requirements and constraints
The Structures subsystem is to comply with the following set of requirements:

• SYS-04 The system shall consist of interchangeable modules.
• SYS-05 The system shall be expandable with further modules.
• SYS-06 Each module of the system shall be able to autonomously rendezvous and dock
in orbit.

• SYS-08 Each module of the spacecraft shall have a service life of at least 20 years.
• SYS-12 The system shall have a window.

11.2. External Layout
The external layout is mainly driven by a set of subsystems that are critical to the spacecraft
functioning, and have a significant size. These are the following systems:
1. Pressurized modules
2. Radiators
3. Nuclear reactors, MHD assemblies
4. Propulsion systems
5. Fuel tanks
6. External payload

Several aspects of this mission drove the external layout to how it is depicted in Figure 11.1.
Firstly, in order to keep the center of gravity of the spacecraft in line with the centre of
thrust, all subsystem were mounted in line with the central axis, or placed symmetrically
about that axis. The nuclear reactors are placed far away from the habitat modules, as they
generate a large amount of heat that needs to be dissipated. The radiators are therefore
also placed in between the modules and the reactors. As the engines require power from
the nuclear reactors, it was considered most convenient to place the engines next to the
reactors. The engines and reactor assemblies are clustered in the back of the spacecraft.
Launcher payload mass constraints mean there will be a total of 6 Argon fuel tanks on the
spacecraft.These are symmetrically mounted to the truss supporting the radiators and the
engines. Finally, in order to satisfy NASA’s recommended minimum volume per astronaut of
25 m3, a total of three pressurized modules are included. The other subsystems that need
to be place externally are the following:
1. Control moment gyro’s
2. Attitude control thrusters
3. Attitude control fuel tanks
4. Communication antenna
5. Pressurisation tanks
6. Argon cryo-coolers

With the exception of the communication antenna and the attitude control thrusters, all
these subsystems can be embedded inside the main truss structure. The thrusters are placed
along the length of the spacecraft (as discussed in Chapter 8), and the antennas are placed
on the truss structure to allow for the necessary field of view. Figure 11.1 shows the overall
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external layout of the spacecraft, and as can be seen a truss structure was necessitated by
the distance requirement of the habitat modules to the reactor as well as the radiators. The
truss is primarily there to provide mounting points to the spacecrafts power, thermal, and
propulsion subsystems. As the low thrust engines produce a trust in the 100 s of newtons
the structure can be extremely light, and the current material of aluminium could possibly
be replaced with a more lightweight material. The following sections will discuss the design
of Structural elements of the spacecraft in more detail, and an overview of the full spacecraft
dimensions can be found in Appendix B.

11.3. Attitude Considerations
During the trajectories, there are several requirements on certain subsystems regarding their
attitude towards the Sun, Mars or Earth. These include:

• The heat radiators are preferably tangential to the Sun, in order to limit thermal power
absorption from it

• As can be seen from Figure 6.8, the engines are required to point in many different
directions with respect to the Sun, Earth and Mars

• The communication antenna should point towards Earth
• The solar panels (if deployed in case of a reactor shutdown) should point towards the
Sun

The exact designs of these subsystems will be discussed in subsequent chapters, especially
in Chapter 11 regarding the structure and layout of the spacecraft, but some preliminary
conclusions can already be drawn from these requirements:

• The spacecraft will have to make a 180° flip around its vertical or transverse axis in the
middle of the transfer to and from Mars

• The attitude of the spacecraft will be such that the radiators are in the orbital plane, so
they will be tangential to the Sun. During Earth or Mars orbit this will be impossible,
however, at these moments the engines are not burning, so there will be little heat to
dissipate from the throttled down reactors

• The solar panels are ideally placed perpendicular to the radiators, and will likely need
to be gimballed due to the aforementioned flip.

• The antennas will have to be placed in such a way that the line of sight is not blocked
while the orientation with respect to Earth is changing

Figure 11.1: Mars Transfer Vehicle layout and subsystem overview

11.4. Module and spacecraft shielding
11.4.1. Micrometeorite and Orbital debris shielding
Micrometeorite and orbital debris (MMOD) is an omnipresent risk for space travel that must
be adequately protected from to allow for safe operations. Even small particles can cause
sever or catastrophic damage to unprotected systems, as an aluminium sphere at 7 km/s
can penetrate up to 4 times its diameter of a solid plate. However this can be solved by using
”Whipple” shields which are up to 84 % lighter compared to a solid shield providing the same
protection [19]. These shields employ multiple thin plates with a stand off area between
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them, this allows for the incident particles to be broken up after penetrating the outer shell.
Thereby greatly reducing the penetration power of the particle as after travelling through the
standoff area, as the ”cloud” of material impacts on a larger surface.

The shielding of all mission critical surfaces of the spacecraft will be protected by stuffed
Whipple shielding that is similar to the one used on the ISS [19]. With the back-plate or the
wall of the pressure vessel is approximately twice as thick, the exact make up of the shield
can be seen in Figure 11.2. This improves the performance of the shield however the main
reason for the thicker aluminium layer was due to the radiation requirements. Furthermore
additional removable outer panels are added that allow for ease of maintenance, with an
average of 0.8 cm additional thickness.

Figure 11.2: Whipple shielding used on the spacecraft Figure 11.3: Flux distribution of velocities for the mission

In order to correctly size the required shielding thickness, the MMOD environment along the
orbit must be analysed. This was achieved by using the MEMR2 program available from
NASA, which uses the interplanetary trajectory of the spacecraft to find the average MMOD
environment [82]. This provides the expected number of collisions on each face per square
meter per year for different velocities, the aggregate on all surfaces can be seen in Figure 11.3.

Additionally the relationship between the micrometeorites mass and average flux can be seen
in Figure 11.4 and is used in association with simulations of hyper velocity impacts on Whip-
ple shields in Figure 11.5. The latter gives a relationship between the diameter of a particle,
the velocity and whether the combination of which resulted in the penetration of the shield
[24]. The simulated shield has significantly less protection than the one being used on the
spacecraft as it does not include a nextel Kevlar layer, and the thicknesses of the two plates
are 1.6 and 3.2 mm as opposed to 2 and 8 mm. This means that the penetrating power
of particles will be overestimated. Interpolating and extrapolating both of these results to
simplified mathematical equations allows for the chance of a MMOD particle penetrating the
shielding to be calculated.
Using all of the above mentioned data and functions, the resulting number of penetrations
are shown in Table 11.1. Therefore during the 3 year mission there will be 6 × 10ዅኽ impacts
that will cause penetration of the habitable modules.

X Ram -X Wake +Z North -Z South +Y Port -Y Starboard
Number of particle penetrations
[10ዅዀ/year∗𝑚ኼ] 5.058 0.609 3.316 3.314 3.973 7.096

Surface area of habitat module 16.619 16.619 115 115 115 115
Number of particle penetrations
[10ዅኽ/mission] 0.252 0.03 1.144 1.143 1.371 2.448

Table 11.1: Number of particle penetrations on the habitat module
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Figure 11.4: Average flux density for particles of different
masses in interplanetary space

Figure 11.5: Perforation of a Whipple shield by spheres
of aluminium of given diameter and velocity (solid shapes
indicates penetration while empty shapes no penetration)

However it is important to reiterate that the equation used to estimate if a particle with a
certain mass and velocity can penetrate underestimates the shielding used on the space-
craft. Furthermore the simulations for the shielding used aluminium particles which have a
density of 2.7 g/cmኽ, whereas micrometeorites have an average density of 1 g/cmኽ or less for
particles heavier than 10ዅዀ g [10]. As the penetration depends on the force and the area over
which is applied, a less dense material provides less penetration. Therefore this also causes
the underestimation of the shield performance. The combination of the above mentioned as-
sumptions means that the real number of particles penetrating the habitable modules during
a 3 year mission is well below 6 × 10ዅኽ. This gives the spacecraft a failure risk of less than
0.6 % over 900 days which is in line with failure risk for other deep space mission such as
Lunar outpost (NASA) with a risk of 0.2 % during a 210 day mission [28].
11.4.2. Radiation shielding
The radiation environment in interplanetary space is over two orders of magnitude higher
than on earth, which has a significant effect on both the human occupants and electronics
on board. Radiation has negative or even fatal heath consequences for both short and long
term exposure, additionally it also degrades electronics. This means that necessary shielding
must be implemented into all habitat modules as well as for electronics aboard.

The radiation environment outside of earths atmosphere is harsh and volatile, radiation
sources include galactic cosmic rays (GCR), solar radiation, and solar flares additionally spe-
cific to earth orbit there are the Van Allen belts [69]. These contain both trapped electrons
and protons that originate form the sun and are captured in the outer layers of earths mag-
netic field. Furthermore there is an 11 year solar cycle that describes the activity of the sun
and is measured in the number of solar events or flare. Solar minima, a low number of solar
events, means that the electromagnetic field of the sun is weak, this in turn allows for more
GCR radiation into the solar system [36]. This periodic fluctuation can be see in Figure 11.6,
in turn solar maxima means that GCR radiation decreases but there are more solar events.
For both electronics and humans GCR radiation is more detrimental than solar flares, partly
because GCR is omnidirectional while solar activity is not. Therefore solar minima will be
used to calculate the worst case doses. In addition to the environmental radiation received
by the astronauts the spacecraft also has 4 low enriched nuclear reactors, which add ad-
ditional radiation mentioned in Section 9.4.1. These contribute relatively little to the total
dose as, according to a research paper on a NASA thermal nuclear engine mission which has
high enriched fuel only contributes approximately 3 % to the total equivalent dose. Funda-
mentally in order to stop radiation material must be placed in front of the incident rays, the
total amount of mass determines the shielding amount with the type and density of material
having less of an effect. The shielding amount is measured in g/cmኼ which corresponds to
the thickness of the material in cm times its density in g/cmኽ.
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Figure 11.6: Change in interplanetary radiation with the
11 year solar cycle [36]

Figure 11.7: Equivalent dose per year for different
shielding depths [48]

Once the radiation is reduced by the shielding the incident rays of particles will cause damage
to the content of the spacecraft. The damage that is caused by radiation is determined by the
amount of energy that is deposited in the target material, as energy is lost by causing damage.
Hence the radiation effect is measured in Gray (GY) J/kg which is the energy deposited per
mass, the change of which can be seen in Figure 11.6 with the dashed line. While this
is sufficient for the estimation of the impact on the electronics it is not representative of the
damage caused to humans. As tissue damage is not only dependent on the amount of energy
deposition, but on the type of ionising particles as well. In order to estimate the impact of it
on humans, the radiation has to be analysed and all of its components LET (Linear energy
transfer) must be found. This value describes the amount of energy that an ionising particle
deposits per unit length, this also depends on the target material and its thickness. After
taking this value, the energy distribution, the flux, with a quality factor, that describes the
impact of the previously mentioned factors on tissue, the amount of Sieverts (Sv) can be
calculated. This value describes the effective radiation that humans experience. Figure 11.7
shows how the yearly equivalent dose at solar minima changes with different shielding depths
which gives around 500 mSv per year at 20 g/cmኼ. This is in agreement with Figure 11.6
which gives a 1.2 mSv per day for solar minima, approximately 440 mSv. However the 500
mSv value is from 1977 which is the lowest ever solar activity recorded and is commonly
used as worst case scenario, while the 440 mSv value is from 2010.

As the astronaut must spend approximately 950 days in interplanetary space, and the max-
imum mission dose is set at 1500 mSv, this becomes equivalent to 1.58 mSv/day or 570
mSv/year. This amount corresponds to approximately 5 % chance of premature death due
to exposure related medical issues. However the programs used to generate the data for
the above graphs have an uncertainty of 10 %. By taking an additional 3 % to account
for the reactors, the yearly dose requirement becomes 500 mSv to account for inaccuracies
[69]. Hence the required shielding thickness is 20 g/cmኼ of aluminium. Some materials
have slightly higher radiation performance than aluminium such as polyethylene and Kevlar
which are 15 % more efficient [12][40]. This means that all materials can be converted to an
equivalent aluminium thickness, the final radiation shielding is shown in Figure 11.2 without
the additional 12 cm of polyethylene backing. This shielding configuration was confirmed by
using NASA interplanetary radiation estimation tool oltaris. For a solar minimum with 20
g/cmኼ, a total mission dose of 1350 mSv was estimated. Including the additional radiation
form the reactors, this gives approximately 1400 mSv which means 20 g/cmኼ provides suf-
ficient protection. Finally it is worth noting the the final radiation shielding is most likely
larger as all the equipment and supplies are not accounted for which will line the spacecraft
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walls, this could be an additional 5 g/cmኼ of shielding.

Thickness [cm] Density [g/cmኽ] Equivalent Aluminium shielding
Aluminium 1.8 2.7 4.9
MLI 0.1 1.38 0.14
Kevlar 0.5 1.45 0.84
Nextel 0.5 1.45 0.84
Polyethelene 12 0.96 13.2
Total 20

Table 11.2: Radiation shielding of the pressurised modules

11.5. Module Sizing and Structural Analysis
The design of the module structure is constrained by several functional requirements and
mission characteristics. Modules will have to maintain atmospheric pressure inside of them,
provide protection against radiation andmicro-meteorite impacts, and provide enough strength
to sustain all manoeuvres and launch loads. The outer diameter of the module is constrained
by the fairing inner diameter of 4.6 m. A margin of 52 mm with the inner fairing wall was
taken as an initial estimate. The module is cylindrical to optimise fairing volume usage. This
shape is also ideal for pressure containment, but as the modules will only undergo a pressure
differential of 1 bar this was not the driving constraint. Similarly round end-caps would pro-
vide more strength against pressure, but as this is not a high pressure vessel it was chosen
to use a more easily manufacturable angled face. An overview of the general dimensions of
the module can be found in Figure 11.8.

As the micro-meteorite shielding requires multiple layers with empty space in between them,
the module was designed as an assembly of three co-centric shells with panels mounted on
the outside. The panels provide attachment points for external hardware (such as the robot
arm), and handles for EVA during assembly. The outer diameter of the last shell is sized
to payload fairing constraints, and the layering is designed according to the micro-meteorite
and radiation shielding discussed in Section 11.4.2. This results in a total of 4 structural
layers in the module wall: Poly-ethylene liner, inner structural shell, outer structural shell
and the shell panels. With additional thermal insulation and Kevlar lining between the inner
and outer aluminium shell. Longitudinal stiffeners were added to the inner shell to provide
additional compressive strength and attachment points for the outer shell. Figure 11.9 shows
a cross section detail of the resulting structure, and an isometric view of the inner shell.
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Figure 11.8: Module Dimensions



11.5. Module Sizing and Structural Analysis 72

Figure 11.9: Cross section of structural layering

The shells were primarily designed to fulfil radiation and micro-meteorite shielding require-
ments. The resulting structure was then analysed in the most extreme load case: launch
loading. During these calculations it is assumed that the launch loads are fully transferred
to the inner and outer structural shell (i.e. poly-ethylene and shell panels do not contribute.)
If additional strength was required, the design of the shell would then be iterated upon. Four
scenarios for the structural shell were investigated:

1. Buckling of the shell under compressive launch loads
2. Frequency Analysis
3. Lateral deflection limit exceeded
4. Shear failure at payload adapter load introduction

Docking Module
In order to provide docking ports for external payloads and re-supply missions, one of the
three modules is dedicated to storage and docking. This was chosen to be the module closest
to the structural truss, as it allowed the habitation module to be located as far away as possi-
ble from the propulsion and power system (both due to safety concerns and noise reduction.)
A more detailed overview is provided in Section 11.7, there are two types of docking ports.
One allows for easier docking, and is the international standard used on crew capsules such
as the Orion capsule and the Dragon capsule [14]. The other is used primarily for permanent
structural connection between modules on the ISS, it has a much larger inner diameter, and
could allow the transfer of larger systems into the spacecraft. The docking module will con-
tain 2 of each of these docking ports, placed radially as shown in Figure 11.10. Furthermore
one of the larger docking ports are going to house a cupola that is similar in design to the ISS,
which will enable visual inspection of both the spacecraft and Mars once in orbit. As these
docking ports are able to transfer loads, the structural analysis assumes that the addition of
docking ports does not affect the design.

11.5.1. Material selection
Before any structural analysis is performed, a material must be selected. Due to their ease
of manufacturing, relatively low cost and high strength, 2000 and 7000 series Aluminium
alloys are commonly used in the aerospace industry. The material selection of the structural
shells was done qualitatively, as an in depth analysis of all suitable alloys was considered
out of scope. Two common alloys, Aluminium 2219 T62 and 7075 T6, were considered for
the shell. Relevant properties of these alloys are listed in the table below:
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IDSS Docking Port

CBM Docking Port

Figure 11.10: Docking module

Alloy E [GPa] G [GPa] 𝜏 [MPa] 𝜌 [g/cm3] E/𝜌 [GPa/g/cm3]
2219-T62 73.1 27 255 2.84 25.74
7075-T6 71.7 26.9 331 2.81 25.52

Table 11.3: Al2219-T62 and Al7075-T6 Material Properties

It can be seen that there is no major difference in material properties apart for the shear
strength. It is expected that the radiation and impact shielding requirements are the driving
factor in the shell design. The material with the highest specific stiffness E/𝜌 was chosen.
All further calculations are therefore done with Al2219-T62.
11.5.2. Buckling Analysis
The goal of the buckling analysis is to identify the acceleration required to make the structural
shell buckle. if the shell buckles at 6 g or less (longitudinal acceleration of the Falcon Heavy),
it would need structural reinforcements. In order to simplify the calculation, the shell will
be discretized to one cylindrical shell with a thickness of 10 mm, the combined thickness
of the inner and outer shell, and a length of 7 m. This discretization is considered to be
conservative, as the poly-ethylene and the shell panels are assumed to be non-load bearing.
The critical buckling stress for a cylindrical shell under uniform compression is given by [18]:

𝜎፫።፭። =
𝐸

√3(1 − 𝑣ኼ)
×
𝑡
𝑅

(11.1)

Applying a safety factor on the bucking stress of 1.5, and converting the force to an acceler-
ation, the critical buckling acceleration is then:

𝑎፫።፭ =
𝐸

1.5 × √3(1 − 𝑣ኼ)
×
𝑡
𝑅
×
𝐴፫፨፬፬ዅ፬፞.
𝑚፬፡፞፥፥

(11.2)

Aluminium 7075 T6 has an E-modulus of 71.7 GPa. For Al-7075T6, 𝑣 = 0.33. The discretized
shell has a cross-sectional area of 𝐴፫፨፬፬ዅ፬፞. = 0.123 mኼ. The mass of the inner and outer
shells combined is 3987.4 kg. In addition to this, the Poly-ethylene liner has a mass of
11,810.4 kg. During a launch, equipment and supplies will also be attached to the walls of
the module. It will therefore be assumed that the shell is supporting a total of 25,000 kg, the
maximum payload weight for the required orbit. Using Equation 11.2, a critical acceleration
of 775 m/sኼ was found, this is equivalent to 79 g. Hence, the wall thickness requirements
for radiation and impact protection are sufficient to prevent buckling during launch.

It is worth noting that these calculations were performed without the addition of the longi-
tudinal stiffeners. They are thus not necessary for structural reinforcement, but still fulfill
their function of providing attachment points for the outer shell and panels.
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11.5.3. Vibration and Natural Frequency Analysis
All launch units have to be designed to maintain a minimum resonant frequency above 35 Hz
to avoid interaction with the launch vehicle dynamics [113]. In an analytical approach the
habitat modules’ natural frequency is determined to verify that the launcher requirement is
fulfilled. For this analysis the modules are represented as a thin walled cantilevered cylinder
with a free end. The maximum lateral acceleration during launch is stated to be 2 𝑔.

Figure 11.11: FBD of the thin walled cylinder representing the habitat modules.

The approach taken follows Rayleigh’s method as it is described in chapter 10 of Megson
(2013) [74] to approximate the beams natural frequency. Using Equation 11.3 the natural
frequency of a structure can be determined if the particular function. Given in Equation 11.4,
the amplitude of the vibration at any section 𝑧 is known. The second part of the sum in the
denominator is set to zero as no point masses are applied.

𝜔ኼ =
∫ፋ 𝐸𝐼 (

፝Ꮄፕ
፝፳Ꮄ
)
ኼ
𝑑𝑧

∫ፋ 𝜌𝐴 (𝑧) 𝑉
ኼ𝑑𝑧 + ∑፧፫ኻ 𝑚፫ {𝑉 (𝑧፫)}

ኼ (11.3)

As an assumed mode shape 𝑉 (𝑧) describes the static deflection curve for a cantilevered thin-
walled circular tube of radius 𝑟 with thickness 𝑡 supporting a tip load 𝑃 and E-modulus 𝐸.
The axial flexural rigidity 𝐸𝐼 is determined based on the moment of inertia for a thin-walled
hollow cylinder 𝐼 given in Equation 11.5 and the material’s 𝐸.

𝑉 (𝑧) =
𝑃𝑧ኼ

𝜋𝐸𝑟ኽ𝑡
(11.4) 𝐼 = 𝑚 ∗ 𝑟ኼ (11.5)

Based on the geometrical specifications given in the section on Buckling Analysis, including
a safety factor of 1.5, the natural frequency estimation calculated is 1,670 Hz. According to
this analysis the natural frequency of the modules fulfill the launcher requirement.
11.5.4. Lateral deflection
The lateral deflection during launch can be determined by discretizing the module as a beam
with the same flexural rigidity 𝐸 × 𝐼. I is the second moment of inertia, which for an empty
shell can be found using1:

𝐼 =
𝜋
4
(𝑟ኾ፨ − 𝑟ኾ። ) (11.6)

The flexural rigidity is then found to be 1.68×10ኻኺ Nmኼ. The deflection for a uniformly loaded
beam is then found using:

𝛿 =
𝑞𝐿ኾ

3𝐸𝐼
(11.7)

Assuming the mass is uniformly distributed along the length of the module, the distributed
load can be translated to lateral acceleration with 𝑞 = 𝐹/𝐿 = 𝑚 × 𝑎፥ፚ፭፞፫ፚ፥/𝐿. The formula for
deflection can then be re-written as:
1https://www.engineeringtoolbox.com/area-moment-inertia-d_1328.html
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𝛿 =
𝑚𝑎፥ፚ፭፞፫ፚ፥𝐿ኽ

3𝐸𝐼
(11.8)

This yields a maximum lateral deflection at the tip of the module of 3.328 mm, which is
within the lateral clearance of 50 mm with the fairing. Note that this calculation assumes
the payload adapter interface is a rigid connection. In reality, this connection will cause a
larger deflection than what was calculated here. A more in depth analysis would be required
to determine the effects of this connection.
11.5.5. Payload adapter load introduction
The final area of concern is the introduction of the launch loads into the structure. The
payload adapter will be attached to a docking port, so the area of load introduction is known.
Of specific concern is the the shear failure of the module wall, and a vertical (downward)
deflection beyond acceptable limits. The shear stress can be calculated using the applied
acceleration and the cross sectional area perpendicular to the force with:

𝜏 =
𝐹፬
𝐴
=
𝑚፦፨፝፮፥፞6𝑔𝑆𝐹

2𝑟𝑡
(11.9)

This results in a shear stress of 110.36 MPa. Aluminium 7075 T6 has a shear strength of 330
MPa, so the module will not fail under shear during launch. In addition, a rough estimation
of the vertical displacement of the outer walls was done using FEM analysis. The module
was constrained at the docking port in both lateral axes directions. A force equivalent to the
acceleration of 6 g with maximum payload weight was then applied to that face. Figure 11.12
shows a visualisation of the downward displacement along the longitudinal axis. For simplic-
ity, this simulation was done with the actual shell weight, as the majority of payload mass
will be directly loading the payload adapter:

Figure 11.12: Vertical displacement under 6 g acceleration, supported at payload adapter

The maximum displacement is then 9 mm over a distance of 2248 mm (radius of the module).
The recommendations section of the chapter addresses the relevance of this FEM model and
potential improvements for future design.

11.6. Remote Manipulator System
The implementation of a RMS is based on the decision to berth spacecraft and modules in-
stead of docking and undocking them. In berthing a manipulator arm, which can either
be mounted on the target or the chaser vehicle, captures the opposite vehicles, attenuates
the residual relative motion between the vehicles, and brings the interfaces of the structural
latches into operational range. It was decided to use a berthing mechanism as it poses less
constraints on approach velocity, spacial alignment, residual linear, and angular rates on
the vehicles to be docked. It requires every vehicle or module to be docked to be equipped
with a capture interface, called grapple fixture and it requires the chaser vehicle to be able to
approach and keep its station inside the berthing box. Berthing box describes the volume in
which the grapple fixture on the chaser vehicle can be captured by the arm [44]. The berthing
procedure is described in detail in Section 13.4.3.
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The RMS is based on the Space Station Remote Manipulator System (SSRMS) on the ISS,
also known as Canadarm2, as it has been successfully used on the station since 2001 and
as it has a maximum handling capacity of 116, 000 kg. Furthermore, it has a span of 16.9 m,
a weight of 1, 336 kg, 7 offset joints, and a Latching End Effector (LEE) on each end which
provides a mechanical and electrical connection to a payload or the ISS when connecting to
a grapple fixture. This allows it to use each of these fixtures as bases of the arm [92]. In this
way, the RMS can ”walk” over the ISS, and be used in multiple locations. It is designed to re-
semble the human arm, fixed to the station with the LEE at the shoulder, which is comprised
of three revoluting mechanical joints followed by a boom segment and an elbow joint. As the
SSRMS is symmetric about the elbow the wrist, which is attached to the second boom, is
identical to the shoulder. To reduce the system’s complexity all joints are functionally iden-
tical with an angular range of ±270°.

11.6.1. RMS Sizing
The sizing of the system concerns its span and the maximum handling capacity. As a han-
dling capacity similar to the SSRMS is desired all dimensions except the span are kept similar.
The span is to be sized in a way that allows for visual inspection of the whole spacecraft with
the cameras on the LEEs. Based on the external layout of the habitation modules the span is
then sized to allow for full RMS coverage of each module’s surface with a minimum amount
of grappling fixtures while also keeping the berthing box at a reasonable size. Based on these
requirements the dimensions given in Figure 11.13 are determined.

Figure 11.13: Technical drawing of the RMS including dimensions in mm.

The boom span of 5 m allows the arm to reach every point on the surface of the habitation
modules with only three grappling fixtures per module. These fixtures are positioned at equal
distance at the front, in the middle and at the end of each module with an offset of 120° each.
The fixtures are also attached to the truss structure at equal distance allowing the RMS to
”walk” over the whole length of the vehicle. The camera on each boom allows to track the
movement and to determine the position of shoulder/wrist and each LEE.
11.6.2. LEE Design
The main parameters which determine the end-effector design’s efficiency are misalignment
tolerance and soft capture capabilities. The soft capture capability allows low-impact con-
tact between the end-effector and the mechanical interface of the grappling fixture which is
especially important for the capture of floating targets with low mass. A steel cable-snared
end-effector is chosen to be implemented as this design has been implemented on the SSRMS
and the Space Shuttle Remote Manipulator System already and its use in space application
is well understood. Furthermore, this type offers a high misalignment tolerance while being
able to soft capture. Experimental data shows that a steel cable-snared end-effector with the
required dimensions can tolerate translation misalignment from 0 to 115 mm in axial and
±124 mm in radial direction. The angular misalignment tolerances are ±16° in roll and ±18°
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in pitch and yaw [42]. Based on this the LEE pictured in Figure 11.14 is designed to be imple-
mented on the RMS. The matching Power and Data Grapple Fixture (PDGF) in Figure 11.15
allows the RMS to be controlled when it is attached and connected to it.

Figure 11.14: The LEE which is used on the RMS. Figure 11.15: The PDGF which is installed on the spacecraft.

The capturing process uses three steel cables attached to a rotating ring which can be tight-
ened around the capturing probe as detailed in Figure 11.16 and Figure 11.17. The ring in
the LEE is then pulled in and the LEE is guided to hard capture by the three guide ramps.

Figure 11.16: The contacting situation between the cables and
the capturing probe [42].

Figure 11.17: The capturing process of the steel cable-snared
end-effector [42].

Each motorised joint is equipped with its own brakes, motor speed control and a device
measuring joint angles. The joint housings are made from titanium and the booms are con-
structed out of CFRP with a protective Kevlar outer layer. The whole RMS is covered with a
multi-layer insulating thermal blanket providing passive thermal control and electric heaters
are implemented to ensure stable operating temperature of critical hardware components.
Electric wiring consists of two redundant strings and it can be controlled from two redun-
dant on-board control terminals to prevent single points of failure. Cameras on each boom
and each LEE aid in manual control of the RMS. Based on the specifications of the SSRMS
and the newer European Arm it is determined that the mass is 1, 000 kg, the average power
consumption is 1, 000 W and the position accuracy is 40 mm and 1°. It is possible to control
the RMS from ground and orbit while in Earth orbit. While in transfer and Martian orbit,
only on-orbit operation will be possible due to the latency from Earth.
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11.6.3. Small Manipulator
To add further inspection and repair capabilities to the RMS a smaller robot with two ma-
nipulator arms is added to the spacecraft. This robot and its operations are not designed in
detail at this stage of the mission but it is equipped with a mechanism that allows to attach
different tools to it. In further iterations tools will be designed to allow it to execute different
maintenance and repair tasks on the spacecraft. Preliminary sizing results in a torso that
can rotate around its axis with two smaller RMS attached to its sides, a LEE and a grapple
fixture on its two ends. This smaller robot shown in Figure 11.18 can be attached to the LEE
of the spacecraft’s RMS.

Figure 11.18: The Small Manipulator.

11.7. Docking
The docking system has to comply with SYS-06. This section only treats the two interfaces
which are used for docking on the spacecraft and their connection. The berthing procedure
is described in Section 13.4.3.
11.7.1. International Docking System Standard Interface
The IDSS provides common design parameters to allow developers to independently design
compatible docking systems [123]. Two docking interfaces complying with it will be used to
dock crewed or autonomous space vehicles for crew transfers, resupply missions or payload
transportation. This interface also allows for docking of the space transportation systems
currently developed under NASA’s Commercial Crew Program [14].

The docking interface is based on the NASA Docking System and has an androgynous docking
mechanism which allows for low impact docking when the soft capture system is active. In
active mode axial, radial, and angular rates of 0.06 m/s, 0.04 m/s and 0.15 °/s, respectively,
can be compensated for by the capturing mechanism. Lateral misalignment of 110 mm and
angular misalignment of 5 deg can also be compensated for [81]. The system allows docking
and berthing and once mated the present version of the interface can transfer power, data,
commands, air, and communication with possible future revisions adding water source and
return, fuel, tank pressurisation, and oxidiser transfer capabilities. In case of emergency
pyrotechnics are integrated into the docking interface for contingency undocking.
11.7.2. Common Berthing Mechanism
The CBM is a autonomous system that aligns, captures, and secures two elements together,
providing an atmospheric seal as well as throughput for a number of utilities. This system
is used to connect all habitat modules and serves as the main resupply point due to its large
internal passable area. The main differentiating function compared to the IDDS Section 11.7
is the requirement of assisted attachment, which will be provided by the RMS Section 11.6.

The CBM was developed for the ISS, and is a standard for connecting habitable modules of
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all Western space agencies and JAXA. It provides the supply of the following items between
modules; power, data, air, nitrogen, oxygen, water, waste water, and coolant [33]. Further-
more propellant for the ADCS thrusters will also be supplied through the interface, which is
not part of the standard design. However this does not require a structural alteration to the
main structure, therefore it will stay compatible with all standard CBM’s.

The CBM has two parts, each connected to an opposing module, an active and passive half.
The active half houses all of the electronics and actuators required for the mating of the
ports, while the passive half houses all the necessary accepting mechanisms. Once berthed
the only major physical difference is a slight difference in length, as most of the mechanisms
and electronics are removed to make the internal area of the port larger. The outer and inner
diameter are 2 m and 1.8 m respectively with throughput area of a rounded square with 127
cm sides. The remaining area is used for transpiration of utilities [55] [106].

The berthing procedure of the CBM is initiated by moving the modules to be connected to-
gether with the use of the RMS, once the CBM’s of the two parts are withing approximately
11.4 cm the arm is disengaged and the autonomous mechanism of the port takes over. First
the capture latches pull the two half’s together initiating contact between the pressure seals,
then the 16 powered bolts pull the system together and are pre-loaded in tension by 6.6 kN
for each bolt. Once pre-loaded the bolting operations is halted for 12 hours allowing for the
thermal equalization between the two halves, this is necessary in order to ensure that the
atmospheric seal is not damaged due to thermal strain. Once thermally equalized, the bolts
are incrementally tightened in in pairs to a tensions load of 46.7 kN [105].

11.8. CG location and MMOI
In order to determine the Center of Gravity and theMassMoment of Inertia, a simplifiedmodel
of the spacecraft is set up, consisting out of point masses and simple geometries [103]. The
masses of the subsystems 𝑚። are taken from the most recent mass budgets (Section 4.4),
and the longitudinal distances from a reference point 𝑥። (taken to be the end of the engine
section) from the most recent CATIA model, as shown in Figure 11.1. From these, the Center
of Gravity is calculated using

𝑥፠ =
∑𝑚።𝑥።
∑𝑚።

(11.10)

The 𝑦 and 𝑧 location of the CG are taken to be at the central axis of the spacecraft, as the
mass distribution is approximately symmetric around this axis. After the CG location is
determined, the Mass Moments of Inertia around the CG in the 𝑥-, 𝑦- and 𝑧-direction are
calculated. This is done by summing the MMOI of the individual components around there
principal axes and their Steiner terms

𝐼ፒ፭፞።፧፞፫,። = 𝑑ኼ። 𝑚። (11.11)

The MMOI around the 𝑦- and 𝑧-axis are assumed to be the same due to the large contribution
of the Steiner term of the modules and reactors far away from the CG. These calculations
give the following results:

Property Value Reference
𝑥፠ 34𝑚 From the back of the engines
𝑦፠ 0𝑚 The center of the trusses and modules
𝑧፠ 0𝑚 The center of the trusses and modules

𝑀𝑀𝑂𝐼፲/፳ 105 × 10ዀ𝑘𝑔𝑚ኼ
𝑀𝑀𝑂𝐼፱ 4 × 10ዀ𝑘𝑔𝑚ኼ

Table 11.4: Center of Gravity and Mass Moments of Inertia of the spacecraft
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11.9. Recommendations
The structural analysis performed in this chapter contains a number of simplifying assump-
tions that less accurately represent both the load case and the loaded structure. These
simplifications are in line with the level of detail that the structure was designed to. Bolts
and bolt holes are not included in the shell design, and so the load introduction through
bolts was simplified to a force applied to a surface. Thus the first part of recommendations
on the structure apply to the design of the shell. The second part concerns the analysis of
said shell.
Shell design
The shell is composed of 5 layers: inner shell, Kevlar, Nextel, MLI, outer shell, and shell pan-
els. In the structural analysis, only the inner and outer shell were considered. In addition,
they were assumed to be made of the same material. In reality, the shell panels will have
a significant effect on the structural rigidity, and different materials should be considered
for each for layer. The assembly of these layers will also add a number of nuts, bolts and
rivets. Their weight was not taken into account specifically in the analysis, although the
over-estimation of launched mass most likely compensates for it.
Structural analysis
The structural analysis considered four cases: buckling, frequency analysis, lateral deflec-
tion, and load introduction. Each of these was applied to a level of detail equal to that of the
design of the structural shell itself. This means that load introduction and stress concentra-
tions in bolts should still be considered. In addition, the type of fastening should be analysed
under the specified vibrations environment. It is worth noting that the FEM analysis of the
payload adaptors load introduction provides only a rough idea of the stresses and deflections
the shell will undergo. An accurate FEM model would require more time to prepare: a more
detailed CAD model, and the load introduction and meshing should be revised to be more
representative. Finally, because the shell is composed of several different materials, the effect
of thermal expansion should be investigated.

11.10. Sensitivity Analysis
To reduce uncertainties inputs which might require significant changes to the spacecraft
structure are investigated.

The first scenario concerns the unavailability of the Falcon launcher. Depending on the rea-
sons and the duration of this scenario some of the modules might have to be launched with
a different launcher. For the analysis the Delta Heavy IV launcher is chosen as replacement
and the consequences of the different launcher requirements on the structural elements is
described. The fairing size of the new launcher increases in all dimension compared to the
Falcon fairing [8] hence all modules can still be fitted. The payload adapter will possibly
need a redesign. The decreased payload capacity to LEO and the possible consequences are
treated in Chapter 13. The design load factors of the Delta Heavy IV are the same as for the
Falcon launcher and the both minimum axial and lateral frequency are lower than the ones
of the Falcon. Therefore, the structural analysis yields the same results and the launcher
requirements are fulfilled.

Secondly, a scenario where the radiation budget according to SYS-15 decreases to 1000
mSv per mission is considered. To lower the radiation dose of the astronauts an increase in
radiation shielding is considered or a decrease in mission time resulting in an increase in the
amount of engines. Additional engines can increase the number of reactors needed on board
the spacecraft. Due to the modularity of the spacecraft structure these additional systems
can be accommodated by the addition of new truss elements. However if the shielding must
be increased in order to reduce the radiation amount, from Figure 11.7 it can be extrapolated
that a yearly radiation limit of 0.35 Sv can be achieved with approximately 40-50 g/cmኼ of
shielding. This would mean that an additional 45-60 t of shielding would be needed in order
to comply with the new requirements. Due to the modular nature of the spacecraft this
additional weight could be accommodated but only by increasing the number of engines and
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reactors as well as reducing payload capability.

11.11. Verification & Validation
RMS V&V
The testing of robotic manipulator for space applications requires special facilities as these
robots are not designed to operate under gravity. While it is possible to perform and test 2D
operations with a special support system general 3D tasks cannot be performed on ground.
Therefore, computer simulations will be used to enhance the design and to verify if the re-
quirements are met. To verify the accuracy of these simulations the underlying mathematical
models need to be verified. For their verification process a space-manipulator simulation fa-
cility will have to be set up which allows for hardware-in-the-loop simulations. In this hybrid
simulation the mathematical model of the RMS is used to drive a hydraulic manipulator to
mimic on-orbit operations. Validation of the simulation facility will consist of multiple val-
idation tests with growing complexity. In addition to verifying the manipulator’s dynamics
the facility will also be used for development and verification of operation procedures, ground
and crew training, and mission planning. Preferably the verification and validation procedure
of the RMS will be carried out in collaboration with the Canadian Space Agency which has
extensive experience in the field of design and simulation validation of space-manipulators.
MMOD and Radiation Shielding V&V
In order to verify the currently assumed MMOD environment future interplanetary mission
should include micrometeorite detectors that can detect the velocity and size of the particles.
These new findings then should be used to update the current models, and if enough data
can be collected then the model could be changed form an omnidirectional model to a direc-
tional one. Furthermore special hyper velocity impact simulation codes should be ran on the
shielding used on the spacecraft, as the expected average velocity is around 20 km/s. While
current light gas guns have had speeds of up to only 7 km/s.

While the effects of short term high levels of radiation are relatively well understood while the
long term effects of medium high radiation on living organisms have very little research done
on them. The current issue with verifying the design is quality factor, which describes how
different ionising radiation damages organic cells, used to calculate the equivalent dose in
sieverts. Once the medical effects of long term exposure and the correct quality factor for the
radiation is found, the radiation environment must be validated by equipping interplanetary
mission to Mars with radiation detectors to collect and refine the current models being used.
Structure V&V
The verification and validation of the structural shell will have several steps. Firstly, the
design will be iteratively refined with the use of FEM simulations, which will be tested with
FEM V&V tools to ensure they accurately represent the analysed load case. After simulating,
manufactured shells will undergo a series of destructive and non-destructive tests:

• Compression test (to failure i.e. buckling)
• Vibration testing (to launcher specification)
• Lateral load (to launcher specification)
• Adapter shear load test (to launcher specification)
• Pressurisation/leak test (1 bar pressure differential)



12
Communications & Data Handling

To provide the ability to the spacecraft, ground control and humans on-board to function
according to predefined performance requirements, it is key that they are all able to commu-
nicate with each other. This function will be performed by the communications and com-
mand and data handling subsystem (C&CDH). While in previous missions, this subsystem
accounted for 21 % of all critical mission failures [130], an in-depth design and analysis will
be performed. After the driving requirements are discusses, all the design options and deci-
sions faced during this detailed design phase are presented in Section 12.2. Second, the final
detailed subsystem design is presented in Section 12.3 and finally the systems engineering
and effects on the system for C&CDH is summarised in Section 12.4.

12.1. Key requirements and constraints
The driving requirements and constraints for the C&CDH system are:

• Limit the power required during reactor failure to prevent larger solar panels (COMS-09).
• The data rate that shall be sent to Earth is a major constraint.
• The mass shall be limited to 1,000 kg in total (COMS-08).
• At the furthest distance to Earth during mission life, the spacecraft shall still be capable
of transmitting data to Earth (COMS-03).

12.2. Design Options and Decisions
To end up with a detailed C&CDH system, a lot of design decisions are made by small trade-
offs and thorough analysis to check if a certain feature is feasible for this specific mission.
12.2.1. Communication Method
With current technology two methods to communicate are possible: using optics or using
radiowaves. For Free-space Optical Communication principle, no solid medium is required
to transmit a infrared laser beam where the photon density of the beam can be changed to
contain information on bits [51]. Radiowave communication is based on sending high fre-
quency carrier radiowaves with a certain phase, amplitude, frequency or noise pattern that
corresponds to a bit pattern. The main advantage of using an optical communication link is
the fact that data rates of 3 up to 5 times higher can be achieved than with current radiowave
technologies in the Ka-band, which is the highest frequency band that is deep space proven
[39]. A Lunar mission has been performed using this technique, however, the TRL for deep
space missions is still 3 and expected to be developed to 6 within twenty years as completely
new deep space ground stations should be build [51]. Furthermore, the pointing accura-
cies that are required for using optical links are in the range of several microradians, for
the recently developed BOEING LADAR it is 10 microradians (0.00057°)[51]. State-of-the-art
ADCS systems can only give a 0.001° pointing accuracy. Also, optical communication is very
sensitive for interference with background solar radiation[51]. Due to the very low TRL for
both the system itself as for the required ADCS system and the fact that solar interference
will degrade the optical signal severely when travelling to Mars, it is decided to use radiowave
communication.

The choice between using a relay-satellite network or a direct communication link from the
spacecraft to Earth should also be made. In a relay-network, the spacecraft itself has a
smaller communication system as it only has to send the data to the closest relay-satellite
instead of sending it all the way to Earth. This can have the advantage that also during
conjunction (Mars and Earth cannot see each other due to the Sun that is blocking the signal)
data can be sent to Earth. Only ESA considered in 2009 the development of a relay-satellite in
deep space, in a Mars-cycler orbit, but this idea has been cancelled due to money constraints
[25]. Because the dependency of such a network would be to large if it is not there in 2040, a
relay-network is not chosen. Also, relay to an Earth orbit communication satellite is not used
due to the fact that the losses due to the atmospheric attenuation (discussed in Section 12.3)
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is lower than the increased data rate that is required due to lower communication times for
a satellite that is not always in sight while the deep space ground stations are [47].
12.2.2. Beam and Access
According to the business plan in Chapter 15, multiple space agencies are involved. To
provide access for all involved parties to the data generated and to give commands to the
spacecraft, a structured approach shall be decided on to prevent an over-demand of the
spacecraft capabilities and conflicting commands by different instances. This can be done
by using multiple spot beams on different regions or set up an accessibility structure for the
parties. Multiple beams can be formed by using multiple feed horns and has the advantage
that frequencies can be reused, which means that one can use the same bandwidth more
than once, increasing the data rate capacity. However, interference between the adjacent
beams can distort the signal in a drastic way that information gets lost when the required
pointing accuracy cannot be achieved [47]. Note that the pointing accuracy that is required at
the furthest distance between Mars and Earth for communication (396×10ዀ km, [58]) already
requires a pointing accuracy of 0.00184°. Splitting the beam in several smaller beams will
require an even higher accuracy by a factor equal to the amount of beams used. As the ADCS
system only has an accuracy of 0.001°, the required pointing accuracy for a satisfactory link
budget cannot be achieved. Therefore, the multiple access methods will be considered. The
different ground segments can access the spacecraft by three methods in a structured way.

• The bandwidth can be split in several smaller sub-bands where every ground segment
gets its own sub-band. This is called Frequency Division Multiple Access (FDMA). Result
is constant transmission power, however, interference and low power efficiency are a
serious concern for deep space communications [130].

• Code Division Multiple Access (CDMA) is based on modulating the signals from the dif-
ferent ground segments on different phases of the carrier wave. This has the advantage
that it is almost immune to interference, however, a larger bandwidth is required than
with the other methods, increasing the costs a lot [130].

• Time Division Multiple Access (TDMA) is a method where every ground segment gets a
certain time slot to communicate, all using the same bandwidth. Main advantage is
no inference and small bandwidth. Disadvantage is that the ground segments and
spacecraft requires a precise time synchronisation, but this can be coped with before
launch [130].This disadvantage is the smallest for our specific mission and therefore
TDMA will be used. Specification of the exact time slots can only be performed when
the investing agencies are determined.

12.2.3. Communication Strategies
First thing to consider is the frequency band will be used. The International Telecommuni-
cation Union, responsible of the band allocations, has defined the S- (2-4 GHz), X-(8-12 GHz)
and Ka-bands (27-40 GHz) as deep space communications bands for space research service,
according to the ITU 1.55 article and 201, Revised B Frequency and Channel Assignments
released on December 15, 2009. The S and X band are however already pretty occupied by a
lot of other missions, also ones that do not go into deep space. The Ka-band is not that occu-
pied yet because it was only deep space proven from the MRO mission of in 2005 [58] while X
and S were used way more before and also have a smaller range of frequencies. The Ka-band
has the advantage that the data rate can be 2 to three times as high, as it has a smaller
wavelength and therefore smaller beam-width which increases the gain. The Ka-band has
the disadvantage that it is more sensitive for atmospheric attenuation due to rain or fog. This
property is thoroughly analysed in the link budget that can be find in Section 12.3. Choos-
ing the Ka-band over the X-band with the worst case atmospheric attenuation still gives a
saving of 1.1 m in reflector diameter and mass saving of 42 %. This will be elaborated on
in Section 12.3. From SFCG7-1R5, published by the Space Frequency Coordination Group,
Channel 40 in the Ka-band was chosen to operate in. Downlink: 32269.814816 MHz and
Uplink: 34559.841822 MHz. This gives a turnaround ratio (𝑓 ፨፰፧፥።፧፤/𝑓፮፩፥።፧፤)of 0.93.

The spacecraft will communicate over this Ka-band to ground stations that are visible. For
this deep space mission where different agencies cooperate, use will be made of their Deep
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Space Stations. The Deep Space Network (DSN) from NASA has three ground stations at
Canberra (Australia), Madrid (Spain) and Goldstone (USA) with an antenna diameter of 70
m. These are separated from each other by an angle of 120°, which results in a 100 % cover-
age, one of the three is always visible. ESA has an own ESTRACK network, with deep space
ground antenna diameters of 35 m. However, they have a contract with NASA that they can
also use the DSN. Roscosmos has a deep space network of a 70 m antenna at Yevpatoria, a
64 m antenna near Moscow and a 70 m antenna at Ussuriisk. The Chinese agency has a
64 m antenna at Jiamusi. JAXA has a 64 m antenna at Usuda Deep Space Complex. The
smallest ground station antenna diameter that will be used will be 64 m. Those stations
together have a enviable service availability rate above 95 %1. Other agencies that wants
to participate have to make arrangements with the current deep space ground stations to
communicate. All these antennas are equipped for different polarised Ka-band radiowaves
[47].

Thing that should be noted is that there can be a severe delay in time of sent of data and
time of receive. The maximum and minimum distance between Mars and Earth were they
can communicate are 396 × 10ዃ m and 59 × 10ዃ m respectively. These values are determined
by a simple Python script where the distance between Mars and Earth is determined by mod-
elling their trajectory around the Sun. The waves travel with the speed of sound (2.998 × 10ዂ
m/s) which results in delays of 1,325 and 202 s delay for maximum and minimum distance
respectively. This includes 3 s margin for terrestrial (from antenna to ground control centre),
propagation through equipment and processing on both transmission ends [47].

The spacecraft cannot communicate with the ground stations during two periods, when it is
in Mars eclipse with respect to Earth due to the spacecrafts orbital altitude (Mars blocks the
signal) and when there is a Mars-Earth conjunction (Mars and Earth cannot see each other
due to the Sun that is blocking and particles are distorting the signal). Commands could be
partly lost and the spacecraft can interpret it wrong. Data generated during these periods
determine the memory size required and data throughput rate. First the eclipse time will be
discussed. When the spacecraft is in its circular 400 km orbit above the surface of Mars, the
time that it cannot communicate to Earth can be calculated by Equation 12.1. The radius of
Mars is 3,389.5 km. 𝜇ፌፚ፫፬ has a value of 4.28 × 10ኻኽ mኽsዅኼ.

ፚᑄᑒᑣᑤ  ፑᑄᑒᑣᑤ ዄ ፇ፞።፠፡፭ (12.1)

፭ᑠᑣᑓᑚᑥ  ኼ√ፚᑠᑣᑓᑚᑥ/᎙ᑄᑒᑣᑤ  , ኺዂ፬ (12.2)
፭ᑖᑔᑝᑚᑡᑤᑖ  (ኼ ⋅ ፬።፧ᎽᎳፑᑄᑒᑣᑤ/ፚᑄᑒᑣᑤ)/ኼ) ⋅ ፭ᑠᑣᑓᑚᑥ  ኼ, ኺኼኾ፬ (12.3)

The conjunction time is determined by analysing the relative positions of Mars and Sun, seen
from Earth. The angular distance (the angular separation between two objects as perceived
by an observer from Earth) between the Sun and Mars are plotted in Figure 12.1 and when
this is angle is lower than 1.0°, there is a severe conjunction and inference and blockage that
prevents communication [23].The line in crossing the Sun in the right picture of Figure 12.1,
is the line of view between Earth and Mars at this date.
One can see that on average this conjunction takes 10 days before communication from Mars
is possible to Earth (dotted line). This will happen once every synodic period (780 Earth days)
so it should definitely be included in the design considerations.

Regarding the tracking of the spacecraft, the Doppler effect and spacecraft pointing data will
be used. The Doppler law states that the frequency of a sent signal changes for the observer
when there is an observer who is moving relative to the wave. This frequency change can be
determined by Equation 12.4[47].

Δ𝑓 =
Δ𝑣
𝑐
𝑓ኺ (12.4)

1https://deepspace.jpl.nasa.gov/files/820-100-F1.pdf

https://deepspace.jpl.nasa.gov/files/820-100-F1.pdf
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Figure 12.1: Angular distance between Mars and Sun during conjunction in November 2023 [23]

Δ𝑓 is the observed frequency change which can be determined by comparing with the ob-
served frequency with the predetermined frequency, Δ𝑣 is the relative difference in velocity
between the Earth and the spacecraft and 𝑓ኺ is the transmission frequency. From this, it can
first be determined if the tracked satellite is moving towards or away from Earth, a positive Δ𝑓
means blue-shift, which means moving towards Earth, while a negative Δ𝑓 means red-shift
and moving away from Earth. Furthermore, by determining the delay between the receive
and transmitting time (put as a tack on the data sent), the precise distance can be deter-
mined. Lastly, also the pointing data can give information of the orientation with respect to
the ground segment. Also, comparing the received signal for two deep space ground station
used can give a relative positioning of the spacecraft in between those two stations. Using
these methods, an accurate 3D positioning can be done compared to predefined simulated
trajectories [47]. Note that attenuation effects can also cause a distorted signal and therefore
extra research should be performed in the future to filter this.

The modules have to communicate to each other when docking, with a very low data rate
(only positional information and commands). This will be done by a very small antenna
system on every module which is something that is not designed by now due to time con-
straints, but is definitely something that needs to be considered in a later iteration after DSE.

Furthermore, the main C&CDH system that communicates to Earth will be completely re-
dundant as it still is the cause of 21 % of critical mission failures. This is elaborated on
in Figure 16.2. Another reason for full redundancy is to prevent communication blockage
by the spacecraft due to other parts, like the tanks in the neighbourhood. Therefore, the
redundant system will be located exactly opposite of the other to assure communication at
every instance.
12.2.4. Main Antenna Configuration
The antenna that will be used was selected from the criteria that it needs to be able to cope
with the Ka-band chosen and with this band, limit the mass and size as much as possible to
fit in the launcher and reduce the wet mass. A wired helix antenna was therefore not chosen
as due to its lower gain above 2 GHz, the (structural) mass and size would grow to enormous
amounts of tenth’s of meters [130]. The horn antenna was also not selected as above 4 GHz
the beam width becomes very large, increasing the gain would increase the length, mass and
installation effort in a killer requirement way. Same reasoning goes with lens and phased
array antennas, above 0.5 meter the mass advantage for the same gain that they have below
0.5 m is not valid anymore with respect to a parabolic reflector with a horn as feed system. A
preliminary estimation showed that the antenna would be in the order of meters. Due to the
respectively very low mass, low complexity, low cost and design maturity for antennas above
0.5 m diameter the reflector will be used with a horn feeder.

Further research into parabolic reflectors showed that the already large antenna efficiency
(55-60 %) could be even increased to 65-70 % by using an extra sub-reflector, also called a
Cassegrain configuration, displayed in Figure 12.2. It has several advantages over a standard
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reflector configuration, listed below.

Figure 12.2: Cassegrain reflector configuration
[122]

Figure 12.3: NASA’s antenna configuration decision chart [50]

• An increase in antenna efficiency of around 10 % due to the effect that the illumination
pattern is more uniform in terms of magnitude over the main reflector. Increasing the
antenna gain by 0.9 dB.[47]

• The antenna configuration is geometrically more compact, which is better for launch.
The feeder is very close to the main reflector, the sub-reflector is less far away from the
main reflector as when the feeder would be positioned in front of the reflector looking
towards it, when no sub-reflector is used (for no-Cassegrain configuration). [47]

• The noise temperature at the feeder is lower. It looks now into space, which however
gives it extra background noise, however it is looking away from the spacecraft and
not directly into for example the radiators. This saves an enormous amount of noise
temperature, as a lot of radiated heatwaves would otherwise also go into the feeder. [47]

Disadvantage is that the design phase is more complex and a feeder system with a small
beam width (around 30 degrees) is required. However, current feeder technologies exist to
cope with this2. Also, the sub-reflector blockage will give an estimated 0.47 dB loss (see Sec-
tion 12.3), however due to the 0.9 dB gain it is still better.

It was found that the antenna should be solid and not have a foldable configuration, a diam-
eter of 3.45 m at 32.26 GHz downlink was found which will be elaborated on in Section 12.3.
From Figure 12.3, it can be seen that a solid antenna is still favourable (mind the logarith-
mic scale) as it fits in the launcher and the disadvantage of extra increase in risk of failure
of deployment is for these numbers worse than the advantage of mass reduction.
The solid main reflector and sub-reflector will be made of Carbon Fibre Reinforced bisphenol-A
epoxy Polymer matrix skin and 8mm aluminium honeycomb core (to provide sufficient strength
and stiffness). This was chosen from ESA’s Materials handbook 3A 2011 [34] from the an-
tenna section. Other materials currently used for the reflectors are also given in Table 12.1,
however, they showed worse combined performance with respect to surface quality and mass
which are determined as main drivers for material selection together with space environment
readiness, for antennas by ESA[34]. More research into the chosen material showed that
a lot of tests have been conducted already to their behaviour under high radiation doses
for doses that will not even be achieved and temperature changes (123-423 K).The surface
quality and mechanical behaviour showed no apparent change and it can therefore be con-
sidered as a suited reflector material [32]. The surface quality is of course also dependent on
the manufacturing method that the reflector manufacturer will use, this is not included yet.
The main antennas will be positioned in between where the radiators end (coldest side) and
the habitats to prevent enormous disturbing noise temperatures from the reactors or radi-
ators. They will be positioned on a truss that makes sure that view is not blocked by the
2https://www.sagemillimeter.com/content/datasheets/SAF-2434231535-328-S1-280-DP.pdf

https://www.sagemillimeter.com/content/datasheets/SAF-2434231535-328-S1-280-DP.pdf
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Reflector material used Surface quality (RMSE mm) Density per squared meter antenna (kg/m^2)
CFRP skin + 8mm aluminium honeycomb core 0.4 2.8
Conductive wire band on Kevlar skin + 6.2 mm Nomexcore 2 3.7
Conductive crosses bonded on Kevlar skin + 20 mm Nomexcore 0.3 4.5
Sandwich panels with CFRP skin + 40 mm Kevlarcore 0.8 6

Table 12.1: Material selection for antenna reflector

propellant tanks, solar panels and radiators. Realise that still a safety factor of 300 K is
added to the noise budget to account for eventually noise from the radiators. The redun-
dant system will be on the opposite side of the truss and both will have an antenna pointing
mechanism (selected in Section 12.3) to achieve the required orientation.
12.2.5. Data Management
To analyse the data rates, 3 different scenarios are considered to select the most critical to
design for.

• Data transmission and storage under nominal conditions, 2024 s eclipse.
• Data transmission and storage during and directly after conjunction, where all the data
generated during the conjunction should be sent to Earth spread over 300 days.

• Data transmission and storage during a reactor failure, where the power consumption
should be minimised to reduce the solar panels but communication and information
should still be possible with Earth by voice and images.

All data rates that are sampled are first multiplied by the Nyquist factor (2.2) to ensure a
reconstruction from the analogue signal. The components, compression rates, data rates
and required storage included in the data rate analysis for the three scenarios can be found
in Section 12.3.

12.3. Detailed Design
An overview of the detailed design phase for the C&CDH system will be given in this section.
12.3.1. Data Rate Analysis
The overall data analysis per scenario can be found in Table 12.2.

Downlink Uplink
Component When used? Datarate I [bit/s] Datarate II [bit/s] Datarate III [bit/s] Component When used? Datarate I,II,III [bit/s]
Humans: Audio I, II, III 48,416 48,417 48,416 Command: ADCS (M) I, II, III 8,000
Humans: Video I, II 907,799 907,821 0 Command: Power (M) I, II, III 8,000
Humans: Images I ,II, III 127 135 2,352 Command: Propulsion (H) I, II, III 16,000
Humans: Text I, II, III 316 316 0 Command: Communication (S) I, II, III 4,000
Camera I, II 195,109 201,613 0 Command: CDH (M) I, II, III 8,000
Spectrometers I, II 128,326 131,382 0 Command: ECLSS (H) I, II, III 16,000
Magnetometers I, II 128,326 131,382 0 Command: Thermal (M) I, II, III 8,000
Radiation instruments I, II 128,326 131,382 0 Command: Structures (S) I, II, III 4,000
Other payload I, II 128,326 131,382 0 Command: Payload (S) I, II, III 4,000
HK: ADCS (M) I, II, III 821 420 1,600 Humans: Audio I, II, III 46,933
HK: Power (M) I, II, III 821 841 1,600 Humans: Video I, II, III 1,268
HK: Propulsion (H) I, II, III 821 841 3,200 Humans: Images I, II, III 880,000
HK: Communication (S) I, II, III 205 210 800 Humans: Text I, II, III 316
HK: CDH (M) I, II, III 411 420 1,600
HK: ECLSS (H) I, II, III 821 841 3,200
HK: Thermal (M) I, II, III 411 420 1,600
HK: Structures (S) I, II, III 205 210 800
HK: Payload (S) I, II, III 205 215 800
Total storage eclipse [GB][8E9 bits] 0.4 0.4
Total storage conjunction [GB][8E9 bits] 61.1
I:Total data rate nominal [Mb/s] 1.6698 1.0045
II:Total data rate after conjunction [Mb/s] 1.6882 1.0045
III:Total data rate reactor failure [Mb/s] 0.066 1.0045

Table 12.2: Data Budget. I stands for nominal conditions. II stands for after data gathering and transmitting of this data after
conjunction. III stands for during reactor failure. S-M-H stands for the complexity of the system, telemetry- and command-wise

(Simple-Medium complex-Highly complex). HK stands for Housekeeping data.

For the images, a high colour (16 bits per pixel) image (20,048 pixels) is considered with a
compression ratio of 10, the astronauts have the possibility of making maximum 200 im-
ages per orbit which is based on reporting failures to the ground segment[111]. The video
link is based on a 360p YouTube video that will be used for making the vlogs, documen-
tary and ground/homefront contact (63 seconds limit per Mars orbit, required for all these
contacts together) in combination with audio and text messages (200,000 characters) with
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8 bits per character 3. All other components have a lossless compression ratio of 3. The
complexity of the subsystem determines the amount of telemetry points (500-1,000-2,000,
rough estimate[130]) which will be gathered once a minute in normal conditions and ones
per 5 seconds during reactor failure. Commands per subsystem that it needs per orbit also
has a complexity scale (25-50-100, rough estimate[130]) with an average character length of
20 (8 bits per character). Payload data rate consists of scientific payload and for example
housekeeping data from satellites that are transported, approximated at 1 Mb/s 4. The cam-
era will only generate data when not in eclipse, data rate can be calculated by Equation 12.5
where a scenery length of 1,000 m is taken as reference [130]. The data after an eclipse will
be sent before the start of the new eclipse, after conjunction within 300 days, this fitted the
budgets. The data rate that has to be sent can therefore be calculated by Equation 12.6
and the storage by Equation 12.7. It can be concluded that the design requirement will be
for a memory storage of 61.1 GB and a downlink data rate of 1.7 Mb/s after conjunction and
0.066 Mb/s when there is a reactor failure. The limiting signal-to-noise ratio (SNR) that is
required will be 21, which is the acceptable level of noise set by the ITU for audio communi-
cation, which is a more stringent constraint than the required signal-to-noise level required
for video, which is 17.2. 5.

ፃፚ፭ፚ፫ፚ፭፞ᑔᑒᑞᑖᑣᑒ[።፭/፬]  #ፈ፦ፚ፠፞፬ ⋅
፩።፱፞፥
።፦ፚ፠፞

⋅
።፭፬
፩።፱፞፥

⋅ ፥፞፧፠፭፡ᑤᑔᑖᑟᑖ ⋅ ፯ᑠᑣᑓᑚᑥ ⋅
ፑᑄᑒᑣᑤ

ፑᑄᑒᑣᑤ ዄ ፡፞።፠፡፭
(12.5)

ፃፚ፭ፚ፫ፚ፭፞ᑘᑖᑟᑖᑣᑒᑝ[።፭/፬]  ፃፚ፭ፚ፫ፚ፭ ᑝ፞ᑚᑧᑖ[።፭/፬] ዄ
ፒ፭፨፫ፚ፠፞[።፭፬]

ፓ።፦፞ᑠᑣᑓᑚᑥ[፬] ዅ ፓ።፦፞ᑖᑔᑝᑚᑡᑤᑖ
[፬] (12.6)

ፒ፭፨፫ፚ፠፞[።፭፬]  ፃፚ፭ፚ፫ፚ፭፞ᑖᑔᑝᑚᑡᑤᑖ ⋅ ፓ።፦፞ᑖᑔᑝᑚᑡᑤᑖ[፬] (12.7)

12.3.2. Link Budget
In Table 12.3, the link budget is given to achieve a SNR of 21. This is the link budget with
the final design parameters, which will be explained below. All the formulas come from [47].
The SNR in decibels is determined by adding up all components of the link budget. The main
formulas and design parameters will be discussed below to give the reader the possibility
to re-analyse the budget. ”L” stands for loss. The Stefan Boltzmann constant and noise
temperature are also added as those two compute the white noise at the receiver.

Downlink I Uplink I Downlink II Uplink II
Component Limiting design factor Value Value Value Value
𝐺ፒ፩ፚ፞፫ፚ፟፭ Antenna geometry and frequency 59.31 dB 59.91 dB 59.31 dB 59.91 dB
𝐺ፆ፫፨፮፧፝ Antenna geometry and frequency 84.33 dB 84.93 dB 84.33 dB 84.93 dB
𝑃ፓ፫ፚ፧፬፦።፭፭፞፫ Amplifier technology 53.01 dBm 50.00 dBm 42.04 dBm 50.00 dBm
𝐷𝑎𝑡𝑎𝑟𝑎𝑡𝑒 Frequency reuse -59.29 dB -56.98 dB -48.19 dB -56.98 dB
𝐿ፂፚ፬፬፞፠፫ፚ።፧ Sub-reflector diameter -0.46 dB -0.46 dB -0.46 dB -0.46 dB
𝐿ፒ፩ፚ፞፫ፚ፟፭ Communication architecture -0.85 dB -0.85 dB -0.85 dB -0.85 dB
𝐿ፆ፫፨፮፧፝ Communication architecture -0.89 dB -0.89 dB -0.89 dB -0.89 dB
𝐿ፏፚ፭፡ Distance to Earth -294.58 dB -294.58 dB -294.58 dB -294.58 dB
𝐿ፀ፭፭፞፧፮ፚ፭።፨፧ Weather condition ground station -12.28 dB -12.28 dB -12.28 dB -12.28 dB
𝐿ፏ፨።፧፭።፧፠ Pointing accuracy and 3 dB angle -0.02 dB 1.13 dB -0.02 dB 1.13 dB
𝐿ፏ፨፥ፚ፫።፬ፚ፭።፨፧ Farraday effect - 0.13 dB -0.13 dB - 0.13 dB -0.13 dB
𝑇ፍ፨።፬፞ Antenna configuration and pointing -34.57 dBK -34.66 dBK -34.57 dBK -34.66 dBK
𝐵𝑜𝑙𝑡𝑧𝑚𝑎𝑛𝑛ፂ፨፧፬፭ፚ፧፭ Nothing 228.60 dBJ/K 228.60 dBJ/K 228.60 dBJ/K 228.60 dBJ/K

SNR 21.04 dB 21.53 dB 21.17 dB 21.53 dB

Table 12.3: Link budget for case I (after conjunction, downlink 1.7 Mb/s data rate and 200 W transmitting power) and case II
(when reactor failure, downlink data rate 0.066 Mb/s and 16 W transmitting power)

ፆፚ።፧ᑞᑒᑩ, ፆ(፝ፁ)  ኻኺ ⋅ ፥፨፠(᎔ᑀᑝᑝᑦᑞᑚᑟᑒᑥᑚᑠᑟ ⋅ ᎔ᑊᑡᑚᑝᑝᑠᑧᑖᑣ ⋅ ᎔ᑊᑦᑣᑗᑒᑔᑖ ⋅
ፃ።ፚ፦፞፭፞፫ᑒᑟᑥᑖᑟᑟᑒ[፦] ⋅ ፟[ፇ፳]

[፦/፬]
) (12.8)

᎔ᑊᑦᑣᑗᑒᑔᑖ  ፞፱፩(ዅኺ.ዃ(ኾ ⋅ ፑፌፒፄᑄᑒᑥᑖᑣᑚᑒᑝ/᎘)Ꮄ) (12.9)

ፏ፨፰፞፫, ፏ(፝ፁ፦)  ኻኺ ⋅ ፥፨፠(ፏ፨፰፞፫[ፖ]) ዄ ኽኺ (12.10)

3https://en.wikipedia.org/wiki/Bit_rate
4https://public.ccsds.org/Pubs/120x0g3.pdf
5https://www.itu.int/dms_pub/itu-r/opb/rep/R-REP-BS.1058-1986-PDF-E.pdf

https://en.wikipedia.org/wiki/Bit_rate
https://public.ccsds.org/Pubs/120x0g3.pdf
https://www.itu.int/dms_pub/itu-r/opb/rep/R-REP-BS.1058-1986-PDF-E.pdf
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ፋᑤᑪᑤᑥᑖᑞ  ፋᐺᑠᑟᑟᑖᑔᑥᑠᑣᑤ(፝ፁ) ዄ ፋᑊᑡᑝᑚᑔᑖᑤ(፝ፁ) ዄ ፋ፞፧፠፭፡ᐺᑒᑓᑝᑖ(፦) ⋅ ፋᐽᑚᑓᑣᑖᑒᑥᑥᑖᑟᑦᑒᑥᑚᑠᑟ(፝ፁ/፦) (12.11)

ፋᑇᑒᑥᑙ, ፅ፫።።፬፥፨፬፬(፝ፁ)  ኻኺ ⋅ ፥፨፠((ኾ ⋅ ፃ።፬፭ፚ፧፞ᑊ/ᐺᎽᐼᑒᑣᑥᑙ[፦]/᎘[፦])Ꮄ) (12.12)

ፋᐸᑥᑞᑠᑤᑡᑙᑖᑣᑖ(፝ፁ)  ፋᑉᑒᑚᑟᐸᑥᑥᑖᑟᑦᑒᑥᑚᑠᑟ (፝ፁ) ዄ ፋᑉᑒᑚᑟᐻᑖᑡᑠᑝᑒᑣᑚᑤᑒᑥᑚᑠᑟ (፝ፁ) ዄ ፋᐾᑒᑤᑤᑖᑤ(፝ፁ) ዄ ፋᐺᑝᑠᑦᑕᑤ(፝ፁ) ዄ ፋᑊᑔᑚᑟᑥᑚᑝᑝᑒᑥᑚᑠᑟ(፝ፁ) (12.13)

ፇፚ፥፟፠ፚ።፧፞ፚ፦፰።፝፭፡, ᎕Ꮅᑕᐹ(፝፞፠፫፞፞፬)  ኺ([፦/፬]/፟[ፇ፳] ⋅ ፃ።ፚ፦፞፭፞፫ᐸᑟᑥᑖᑟᑟᑒ[፦]) (12.14)

ፋᑇᑠᑚᑟᑥᑚᑟᑘ(፝ፁ)  ኻኼ ⋅ (ፀ፮፫ፚ፲ᑥᑣᑒᑟᑤᑞᑚᑥᑥᑖᑣ/᎕Ꮅᑕᐹ) ዄ ኻኼ ⋅ (ፀ፮፫ፚ፲ᑉᑖᑔᑖᑚᑧᑖᑣ/᎕Ꮅᑕᐹ) (12.15)

ፋᑇᑠᑝᑒᑣᑚᑤᑒᑥᑚᑠᑟ(፝ፁ)  ኼኺ ⋅ ፥፨፠(፨፬(ᎏ)) (12.16)

ፓᑅᑠᑚᑤᑖ(፝ፁፊ)ፚ፭፫፞፞።፯፞፫  ኻኺ ⋅ ፥፨፠(ፓᑃᑅᐸ ዄ ፓᑝᑚᑟᑖᑤᎼᑗᑚᑝᑥᑖᑣᑤ ዄ ፓᑗᑖᑖᑕᑖᑣ ⋅ (ኻ ዅ ፋᑗᑖᑖᑕᑖᑣ)ዄ

(
ፓᑤᑜᑪ

ፋᑉᑒᑚᑟᐸᑥᑥᑖᑟᑦᑒᑥᑚᑠᑟ
ዄ ፓᐸᑟᑥᑖᑟᑟᑒ ዄ ፓᐼᑒᑣᑥᑙ/ᑄᑒᑣᑤ ⋅

ፀ፩፩ፚ፫፞፧፭ፀ፧፠፥፞
᎕Ꮅᑕᐹ

ዄ ፓᑊᑦᑟ)/ፋᑗᑖᑖᑕᑖᑣ)
(12.17)

Parameter Value Reasoning
𝜂ፈ፥፥፮፦።፧ፚ፭።፨፧ 0.91 Standard value for Cassegrain [47]
𝜂ፒ፩።፥፥፨፯፞፫ 0.8 Compromised industry standard reflectors [47]
RMSE Material 0.4 mm Selected CFRP skin [34]
Power case I 200 W Current maximum power for travelling wave tube amplifiers (TWTA) for Ka-band [118]
Data rate I 0.85 Mb/s Data rate is halved because use will be made of orthogonal polarisation
𝐿ፂ፨፧፧፞፭፨፫፬ 0.75 dB Standard value from industry resource [9]
𝐿ፒ፩፥።፞፬ 0.1 dB Standard value from industry resource [9]
𝐿ፅ።፫፞፬ 0.3 dB / km Standard value from industry resource [9]
Length cables 20 m and 200 m 20 m at the spacecraft and 200 m at the ground station, rough estimate
Distance Earth-SC 396 × 10ዀ km Maximum distance is taken to design for the worst case scenario
𝐿ፑፚ።፧ᐸᑥᑥᑖᑟᑦᑒᑥᑚᑠᑟ 9.357 dB Analysis made from ground station Canberra (largest latitude), based on rain rates and location[47]
𝐿ፑፚ።፧ᐻᑖᑡᑠᑝᑒᑣᑚᑤᑒᑥᑚᑠᑟ 1 dB Worst case scenario estimate from the University of Porto [87]
𝐿ፆፚ፬፬፞፬ 0.7 dB Frequency specific value from SMAD [130]
𝐿ፂ፥፨፮፝፬ 0.22 dB Estimate with thick fog (0.5 g/m^2) with a cloud height of 0.5 km [47]
𝐿ፒ።፧፭።፥፥ፚ፭።፨፧ 1 dB 0.01% of the time caused by variations of refractive index of the tropo- and ionosphere [47]
𝐿ፏ፨፥ፚ፫።፬ፚ፭።፨፧ -0.13 dB Rotation of the polarised wave of 10 degrees is assumed by interference with the ionosphere [47]
Accuracy spacecraft pointing 0,0024° The most accurate current existing antenna pointing mechanism was selected [30]
Accuracy ground station pointing 0,008° Pointing accuracy from the Deep Space Network [47]
𝑇ፋፍፀ 200 K Average low noise amplifier noise temperature for frequencies above 30GHz [47]
𝑇 ፞፞፝፞፫ 35 K Feeder noise temperature from SMAD [130]
𝐿፟፞፞፝፞፫ 2 dB Worst case feeder losses due to connection to transponders [47]
𝑇፬፤፲ 15 K Average background noise in the milky way [47]
𝑇ፀ፧፭፞፧፧ፚ 290 K Margin for radiowaves from the radiators, based on an estimate for the antenna location
Apparent Angle 0.012° Defined as under which angle the antenna sees the planet. 2*arctan(diameter planet / distance to planet)
𝑇ፄፚ፫፭፡ዅፌፚ፫፬ 290 K and 210 K Defined noise temperatures of both planets by [47]
𝑇ፒ፮፧ 4432 K 120, 000 ∗ (𝑓[𝐻𝑧]ዅኺ,) ∗ 0, 5[47], was used to determine the noise from the sun
Diameter main reflector 3.45 m Sized to close the link budget for a SNR of 21
Diameter sub-reflector 0.264 m Sized by an optimised sub-reflector method, discussed below [127]
Power case II 40 W To close the link budget for a SNR of 21 and based on commercially available TWTA’s [118]

Table 12.4: Used parameters for the link budget and justification. ”I” stands for the nominal operation case (1.7 Mb/s data rate).
The order in which the values were determined is from top to bottom.

12.3.3. Communication and command and data-handling Architecture
The major components for the communication sub-system that are used in the link budget
will now briefly be discussed. First off all, the choice of using orthogonal polarised waves
(proved by Voyager II [96]) is something that poses a constraint on the feeder. Orthogonal
polarisation is the principle that a polarised wave for which the electric field strength vector
at a given point in space rotates in the same plane and in an opposite sense to that of a
reference polarised wave of the same direction of propagation, they make an angle of 90°
with each other and do not interfere. This enables frequency reuse, the same bandwidth can
be used twice at the same time. The data rate is divided over the two waves, therefore de-
creasing the required power and diameter of the reflector. However, these two waves should
come from two different transponders and amplifiers and should be modelled together to one
wave by an orthomode transducer (OMT). This makes sure that the cross-polarisation level
(measure for interference) is high enough and is also able to split one wave with two polari-
sation to two waves with one polarisation. This OMT is therefore a diplexer for polarisation
and is connected to a corrugated horn that feeds the reflectors. Corrugated means that there
are small notches in the feeder which makes sure that the cross-polarisation level is above
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35 dB, which is proven to be enough to prevent interference of the two polarisation’s[47].
Such a feeder is capable for doing both transmission and receiving at the same time due to
this principle. The dual-polarised corrugated horn feeder with OMT selected can be found in
Table 12.5. Furthermore, realise that the ground stations defined can all cope with a right-
or left-handed-circularised orthogonal polarisation [47].

As stated in Table 12.4, the available Travelling Wave Tube Amplifiers (TWTA) for the Ka-band
frequencies is limited to 200 W. The working principle is that a radiowave is transported
through a vacuum tube with an electron gun that emits electrons that exchange electric en-
ergy for kinetic energy due to a cathode and anode. A beam is formed by a magnetic field
around it. The speed of the electrons is set to the same speed as the incoming radiowave
by changing the voltage over the cathode and anode. The radiowave that is in the tube now
passes a helix, which creates induction. The induction pattern is used to form the electron
beam with high energy to an analogue of the radiowave that was entered, but now amplified
[47]. Two 200 W TWTA’s and one 40 W (for low data rate, does not have to be orthogonalised)
TWTA’s are required per antenna system for amplification of the two orthogonal polarised
waves for the nominal and reactor failure conditions and the selected ones can be found in
Table 12.5. The TWTA’s should be fed by a Electronic Power Conditioner (EPC) that is able to
give the required (adaptable) power to achieve the amplification. The ones that are chosen
can also be found in Table 12.5.

The carrier waves are created by a transponder module were the data is modulated on. A
transponder is also capable of demodulating a receiving signal. To distinct the incoming and
outgoing wave, the transponder should have a diplexer that functions with a turnaround ra-
tio that is the same as the turnaround ratio used for up- and downlink communication (0.93,
Section 12.2). Furthermore, because transponders are very sensitive for radiation (damage
and interference), a deep space proven one should be used. Two transponders are required
to be able to module two polarised transmitting waves that are brought together by the OMT
and to demodulate the two receiving channels. One that fulfils all demands can be found in
Table 12.5. This transponder is deep space proven on the MRO mission [58], BepiColombo
and JUNO missions [39]. It has a turnaround ratio of 0.93 that suits the requirement and it
makes use of Pseudo-Random-Noise Modulating (PRN) to put data on the carrier wave. PRN
has a deterministic sequence of pulses that is recognised by the transponders but, which
stands for a certain bit pattern. Each sequence has its corresponding bit pattern. It has the
advantage that due to an almost zero correlation of the random noise and that it is already
an encrypting modulation method as the pattern is not recognisable by external systems.

The pointing mechanism used is a gimbal that is able to point with a 0.0024°precision and
can provide full rotations in azimuth and elevation with respect to Earth. The detailed sizing
of the reflectors is done by using [127]. Current research to Cassegrain optimisation by the
University ”Tunku Abdul Rahman” showed that the largest aperture and spillover efficiency
is achieved when a ratio of focal-length over main reflector diameter ( ᑞ፟ᑒᑚᑟ

ፃᑞᑒᑚᑟ
) of 0.5 is used [64]

and for the corrugated horn feeder focal-length over diameter of the sub-reflector ( ᑗ፟ᑖᑖᑕᑖᑣ
ፃᑤᑦᑓ

) 0.75
[127] and a taper illumination (𝑡𝑎𝑝𝑒𝑟።፥፥, feed illumination reduced at the edges of the reflector)
of 11.76 dB is optimal for a 3.45 m diameter[127]. The design is based on parabolic and
hyperbolic geometry and optimisation by Kildal to prevent sub-reflector and feeder blockage
as much as possible [127] and can be summarised by Table 12.6 and Figure 12.4.The feeder
will be located on the focal point of the sub-reflector (𝑓፬፮).
12.3.4. Command and Data Handling Architecture
The CDH unit has to be spaceflight proven for radiation environments and thermal fluctua-
tions, although it is allocated in the pressurised module. Furthermore, it shall have a very
accurate and synchronised time manager to ensure the Time Divided Multiple Access com-
munication strategy from Section 12.2. The processor shall have the capability of dealing
with the 1.7 Mb/s downlink data rate and can decode the commands from uplink on a rate
of at least the uplink rate of 1 Mb/s. The system also needs a solid memory capacity of at
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Component Selected equipment Mass per unit[kg] Power peak per unit[W] Additional constraining information

Feeder WR-28 Dual Polarised Scalar
Feed Horn Antenna + 1 for redundancy [109] 0.16 15 233-358 K Temp-range. Needs active thermal control.

TWTA nominal 2 x L3 EDD 99xH + 2 for redundancy [118] 1.5 400 (50 % efficiency) Functional for Ka-band.

TWTA reactor failure 1 x MEC 5496
Continuous Wave TWT + 1 for redundancy [119] 3.4 73 (55 % efficiency) Functional for Ka-band.

EPC 4x Thales Electronic Power Conditioner
+ 4 for redundancy [120] 1.3 250 (95 % efficiency) Fully ESA Qualified.

Transponder 2x Thales KaT transponder
+ 2 for redundancy [39] 3 40 215x140x175 mm. Modulation speed 25 Mcps.

Pointing mechanism 2x NEA interactive G35
Gimbal Model [30] 1.8 27.4 0.0024° accuracy. 173-423K Temp-range.

Table 12.5: Selected communication equipment

Figure 12.4: Reflectors Geometry

least 61.1 GB for conjunction data storage, see Table 12.2, and another 100 GB for soft-
ware (rough estimate for manned missions [130]). It has to have a watchdog unit, which
is an electronic timer that is used to detect and recover from computer malfunctions. The
working principle of such a watchdog can be seen in Figure 12.5, it measures how long the
CPU does over a task and cancels the task if it takes longer than pre-programmed. Last,
the configuration should comply with the MIL-STD-1553 regulations (the mechanical, elec-
trical, and functional characteristics of a data bus, see Figure 12.5), as a lot of interfaces
used are designed by this [47]. Two units are required for redundancy. The bus controller
unit controls is transmitting commands to the remote terminals (all sub-system connected
pins) at predetermined time intervals. The commands may include data or requests for data
(including status) from the remote terminals. The selected CDH bus with the specifications
that adhere to the requirements can be found in Figure 12.5, together with the additional
external flash memory Solid-State Recorder, which is oversized but still lighter and using less
power than no-flash memory with less capacity (realise that the watchdog and bus controller
and monitor are already included in the chosen CDH unit).

Component Equipment selected Mass per unit [kg] Power Peak per unit [W] Additional information

CDH Bus 2x Magellan CDH [72] 10 34

Processor: Power PCTM 750FX
Memory: 2.0 GB of mass memory
2.0 MB of essential bus memory and status log
Data: Command decoding rates up to 5 Mbps
Downlink data rates up to 8 Mbps
Reliability:0.98 for 2 years

Solid memory 2x NEMO SSR Airbus [112] 6.5 10 Qualified by NASA GSFC Parts Document EEE- INST-002.
Memory size: 0.5 TB

Table 12.6: CDH equipment and characteristics

The overall C&CDH architecture of the spacecraft can be found in Figure 12.5. This in-
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cludes actually three diagrams in one. The data handling block diagram, the communication
architecture and the communication flow diagram.

Figure 12.5: C&CDH Architecture. Black arrows stand for data flow that does not go to Earth. Orange arrows stand for both
transmitting and receiving data. Blue arrows for transmitting data. Red arrows receiving data. BPF means Band Pass filter. IF

stands for an intermediate frequency used for modulation or demodulation. LNA stands for Low-noise-amplifier for the
receiving signal. DM stands for demodulator. The data rates per component are also given. A grey background means that the

component is in the spacecraft system while a blue background means part of the external ground system

12.4. Systems Engineering for C&CDH
12.4.1. Design development and system effects
Note that when the final equipment was selected it was found that the feeder needs active
thermal control which changes the system piping configuration a bit. From a structural
and operational perspective, the truss that is required to attach the gimbals influenced the
launch configuration and plan by changing the order of launch as communication should be
possible from the start. Also, after the first iteration the ADCS design was heavily influenced
by the large antenna size, however this effect is diminished at the end due to the smaller
dishes and larger solar panels. Another system effect is that all the subsystem interfaces to
the CDH bus, shall have a MIL-STD 1553 configuration adaptability. In Table 12.7 one can
see the development of the design parameters. Mass and power can be computed by adding
the values from the selected equipment for the different scenarios. The initial sizing was done
after a data rate of 1.7 Mb/s was found for the downlink, where a preliminary link budget
was used. Then, for the first iteration it was already found that the power was constraint
to the 200 W that could be delivered by the TWTA for Ka-bands. This reduced the power
consumption, however, to achieve the 1.7 Mb/s data rate the reflectors and therefore the
mass increased enormously, foldable antenna’s were considered here, which is an idea that
is not used anymore, see argumentation in Section 12.2. This increased the Mass Moment of
Inertia drastically as the main reflector has an off-set from the centerline and heavier CMG’s
were required. For the second iteration it was found that by using orthogonal polarised carrier
waves, the data rate downlink could be reduced to 0.85 Mb/s for one channel. This reduced
the required reflector sizes and therefore the masses. The difference in power between the
second iteration and the final, is due to the fact that the efficiency of the TWTA’s was not
included in the second one and also the power of the CDH system was not included. The
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mass increased, as the most accurate values for the selected equipment could be used and
the redundant system was also added now.

Parameter Initial sizing First iteration Second Iteration Normal Peak (396 × 10ዀ km) Final Reactor Failure Peak (396 × 10ዀ km) Final Normal Nominal (227 × 10ዀ km) Final
Total Mass [kg] 470 1,200 235 457 457 457
Peak Power [W] 2,300 967 967 1411 277 594
Main diameter[m] 4.4 6.9 3.1 3.45 3.45 3.45

Table 12.7: Design parameters development for the C&CDH system

12.5. Sensitivity Analysis
The main constraints and driving criteria for the C&CDH system were the data rate downlink,
the frequency band used and the power available by the TWTA’s. A brief sensitivity analysis
will be performed on them now.

• Downlink data rate
If this is increased by 0.65 Mb/s, for example for payload that produces a larger data
rate or astronauts that need longer contact to ground, the diameter of the main reflector
should be 4.6 m to still achieve a SNR of 21. This would lead to a reflector that does
not fit in the launcher fairing. This would mean that a deployable antenna should be
used, which changes the design procedure drastically as other materials, structures
and packing design constraints will determine the design than.

• Frequency band allocation
If no permission is given by the ITU for the Ka-band, the X-band would probably be
the other option. This would change the downlink frequency to 12 GHz, decreasing the
link budget by ∼ 2.5 dB, and to still achieve the SNR of 21, a main reflector of 4.5 m
is necessary. This would still fit in the fairing of 4.6 m , however the clearance is very
small and due to vibrations damage could easily occur.

• Amplifier power development
If in the upcoming 20 years, the maximum power that TWTA’s can use to amplify Ka-
band waves increases, the antenna sizes will reduce, but not as much as the change in
power. An example, imagine that the power gets doubled to 400 W, the link budget will
increase by ∼ 1.6 dB. However, the main reflector can only be reduced to 3.2 m (-6 %).
Changing the mass by ∼ −14 %.

12.6. Verification & Validation
Some verification and validation can still be performed on the already deep space proven
equipment and materials, but more important is to verify and validate the used link budget,
which determined the sizing. The budget code itself can be verified by several unit tests on
the losses and gains. For example, the Friss Transmission loss can be checked by a hand-
calculation and the overall link budget system integration test can be performed by checking
the feasibility of the outcome of the link budget by changing the parameters to unreasonable
extent, for example a antenna gain of 1,000 dB now gives a SNR of 971 dB, which seems like
a correct implementation of such a large input. This can be done on system level by changing
more components easily.

Regarding validation, especially the RMSE of the material should be analysed by an electron-
microscope. Also, the performance over such a long distance should be tested to validate the
transmission losses in all different harsh environments, by using the antenna configuration
in a experiment in vacuum, radiated by the dose that it experiences, where the waves are
reflected millions of times until the distance is covered. The energy of the transmitted and
received waves should be compared and the transmission loss in the link budget can be vali-
dated. As the Ka-band is so sensitive for both depolarisation and atmospheric attenuation’s,
a geostationary satellite positioned in a region where there is a lot of rain and fog (like the
Amazones) enables to analyse the loss in energy that the waves experience and validate this
with the computed loss in the link budget. Noise temperature of the entire spacecraft and
at the antenna can be validated by a test where the radiators are connected to an external
thermal source, start radiating and measuring the power flux density around the antenna
feeder by sensors.



13
Technical Operations

This chapter details elements of the technical operations considered during the detailed de-
sign phase. This includes the payload, maintenance and resupply elements of the mission,
as well as ground - spacecraft interactions and launch scheduling.

13.1. Key requirements and constraints
The main challenge regarding the technical operations of the Delta Mars mission concerns
the requirement of having to launch such a large spacecraft using an existing rocket family
(SYS-09). This immediately implied the spacecraft having to assemble in Earth orbit (SYS-
06). Although there is no hard requirement on the amount of launches used to bring the
spacecraft in orbit, the goal is to reduce it to a minimum, to reduce launch costs.

13.2. Midterm Trade-off Results
In the Midterm Report[126], it was decided to use the Falcon launch family, mainly due to
its low cost and added flexibility to choose between a (more reliable) Falcon 9 and a (high
capability) Falcon Heavy. Next to this, it was considered beneficial to include an Earth-
orbiting station to the mission, to ease and speed up resupply missions and to assist in
assembling the Mars Transfer Vehicle. The latter is done by leaving supplies and materials
required to assemble the spacecraft in Earth-Orbit, and not having to take it to Mars. This
chapter will go into more detail on how the Falcon family and Earth-Orbit station are used
during In-Orbit Assembly.

13.3. Launcher specifications
As discussed in the Midterm report, the Falcon family will be used[126]. This section will de-
scribe several characteristics of the Falcon family which impact the design of the spacecraft.
13.3.1. Fairing dimensions
The size of the modules sent into orbit will be constrained by the fairing size of the Falcon.
As shown in Figure 13.1, the maximum diameter is 4.6 m, and the maximum length 11 m
with a taper at the end.[113]
13.3.2. Launch environment
An overview of important launch characteristics is given in Table 13.1[113].

13.4. In-Orbit assembly
In order to keep the fissile material away from Earth, the spacecraft will assemble in a rel-
atively high orbit compared to space stations so far, around 950 km altitude. The Falcon
Heavy can bring about 35 t in this orbit, which means the spacecraft will have to be brought
into space in sections smaller than this. As described in Section 11.7, berthing will happen
autonomously using a berthing arm. As the Falcon launchers only have an apogee accuracy
of 10 km[113], each module either needs to have its own propulsion system and ADCS to
steer it to the correct orbit, or an external system is used.
13.4.1. Space tug
As described in the Midterm report[126], it was decided to use an Earth orbiting station
to facilitate resupplying the spacecraft and assist during assembly. However, as from the
detailed trajectory planning in Chapter 6 it became clear that the spacecraft will be orbiting
Earth for 1.1 years between missions, there is plenty of time to resupply the spacecraft,
and the Earth station will not have to provide this functionality. The ”Earth station” will
thus primarily be used as external system to rendez-vous with the individual modules, and
guide it towards the partially assembled spacecraft. This reduces the size of the Earth station
strongly, and makes it more similar to a ”Space tug” as researched by NASA in earlier decades
[21].

94
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Figure 13.1: Fairing dimensions of the Falcon family

Capability to 950 km 35 t
Apogee error 10 km 3𝜎
Lateral acceleration ±2 g
Axial acceleration −2 to 6 g
GRMS 7.63
Temperature 50 − 85 ፨𝐶
Minimum required res-
onant frequency

35 Hz

Table 13.1: Important launch characteristics on board of
the Falcon Heavy

The space tug will consist primarily of a propulsion and ADCS module, used to provide the
required Δ𝑉 to each module and propel it towards the other modules. Basic orbit calculations
showed that for a worst case apogee error of 10 km for each module, a Δ𝑉 of 6 m/s is required.
For a specific impulse of 260 s, this results in a propellant mass required of 19 t to manoeuvre
all modules for initial assembly. Additionally, the space tug will have its own short-range
communication system, a small solar array for its own power and the robotic arm, and the
same docking port as the other modules have.

Figure 13.2: Concept of the space tug

Each module will still need it own attitude and location determination system (such as GPS),
and a short-range radio communication system to send its location to the space tug.
13.4.2. Order of modules launched
To launch the entire spacecraft, 17 launches are required, as shown in Figure 13.3. The
launches are roughly broken down in the trusses including radiators, the habitat modules,
the tanks including fuel, the propulsion modules, the supplies and the crew. Additionally,
the space tug and external payloads need to be launched and berthed with the spacecraft.
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First of all, the truss section closest to the habitat modules is launched as first module.
This includes a section of the radiators, the CMGs, the antennas (folded) and the berthing
arm (RMS). It will also have a rudimentary board computer and small batteries to perform
the initial berthing operations. Once it has reached its orbit, it will unfold its antennas
and establish contact with the ground stations. Right after, the space tug is launched and
will rendez-vous with the first truss, to move it to the correct orbit. They will communicate
through short-range communication antennas, and if required, the space tug can commu-
nicate with the ground stations using the initial truss as relay. Following this, the other
four truss sections including the solar panels and power distribution system are launched in
pairs of two, will rendez-vous with the space tug, and are brought towards the initial truss.
From this moment, the partially assembled spacecraft can be powered from the solar panels.

Now that the central truss is assembled, the habitat modules including all internal systems
(the ECLSS, the instruments, additional batteries, et cetera) are launched and berthed with
the truss. The cupola, airlock and RCS module are docked to the top of the habitat modules
during launch to fit in the fairing, even though the first two will not be used here during
operation of the spacecraft. The RMS will move them to the correct location before the next
habitat module is berthed, as discussed in Chapter 11.

Six tanks filled with Argon are launched next. They are already connected to small trusses
into which feedsystem components,cryocoolers and possibly pressurant tanks are integrated,

Figure 13.3: The Launch Plan for Delta Mars



13.4. In-Orbit assembly 97

to limit the amount of hydraulic connections that need to be berthed autonomously. As final
sections of the spacecraft, four launches are required with each one reactor and 13 VASIMR
engines on-board. The reactors are not connected electronically to the engines yet, but will
both connect to the Electrical Distribution System in the end of the central truss first. It
should be noted that the reactors and 12 engines together are relatively light, and it could
be considered to launch these modules with a Falcon 9 instead of Heavy, to increase the
reliability of the launches of nuclear material.

At this stage, the spacecraft is completely assembled. Final launches are required to bring
supplies such as food, water and compressed air to the spacecraft, and to send up exter-
nal payloads to the spacecraft. When this is done, the space tug will be de-orbited, and a
new one will be launched to assist with resupplying the spacecraft. Operations to make the
spacecraft ready for its mission include deploying the radiators, openings valves to close the
heat exchange and feedsystem loops, and starting up the Life Support systems. These op-
erations are explained in more detail in the Functional Flow Diagram in Figure 16.3. Due
to the fact that many berthing interfaces include hydraulic and electrical connections, it is
currently deemed likely that human system checks are required before the spacecraft can
start its mission. This would mean astronauts are sent up while the spacecraft is still in
LEO, rendez-vous with it, and perform EVAs from the spacecraft to check the functionality of
the system. After this, the crew leaves the spacecraft again and flies back to Earth, as they
cannot stay on board of the spacecraft while it is slowly spiralling through the Van Allen Belt.
The final berthing operation will occur once the spacecraft is in High-Earth Orbit, when the
crew is launched to the spacecraft.
13.4.3. Berthing operations
This section only covers the operations required to berth two modules together, for the spec-
ifications of the RMS and the docking interfaces refer to Section 11.6 and Section 11.7. The
RMS can be mounted on either of the both vehicles to be berthed and correspondingly the
grapple fixture has to bemounted on the opposite vehicle as shown in Figure 13.4. The chaser
has to approach the berthing box on a trajectory taking into account safety considerations to
prevent a collision between the two vehicles if capture fails. When acquiring the berthing box
the residual velocity between the two vehicles shall not be larger than 0.02 mm/s to allow for
a window of at least 2 minutes in which the chaser is inside the berthing box to be captured
by the RMS [44]. Once inside the berthing box the chaser’s thrusters are switched off and
capture is initiated. The RMS positions itself automatically dependent on the attitude data it
receives from the chaser until the LEE can position itself by using the camera target on the
grapple fixture. The soft capture mechanism is activated when the grapple fixture is in reach
of the LEE and once hard capture is achieved the docking interfaces are brought together for
docking.

Figure 13.4: Berthing conditions at capture [44].
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13.4.4. Resupply
To resupply the spacecraft between missions, a reduced version of the process described
above is required. First of all, waste (primarily from the ECLSS) is removed from the space-
craft and de-orbited. Afterwards, a new space tug is launched, to assist in berthing the
resupply modules to the spacecraft. Following the same procedures described above, new
Argon tanks, ADCS fuel, supplies and external payloads are brought to the spacecraft, re-
quiring a minimum of 8 launches. Additionally, extra habitat or propulsion modules could
be launched, in order to expand or reconfigure the system.

13.5. Payload
Requirement SYS-16 states that ”half of the system volume shall be reserved for payload”.
After discussion with the stakeholders, this is taken to refer to the pressurised volume, which
is 260𝑚ኽ as discussed in Chapter 11. Currently, 80 mኽ is available inside the habitat modules
for scientific equipment, as shown in Figure 13.5. The other 50 mኽ comes from payload
(primarily satellites and landers) docked to the outside of the spacecraft, for which 15 t is
reserved in the mass budgets. This implies a payload density of 300 kg/mኽ, lower than for
example the 440 kg/mኽ of the Mars Global Surveyor1. Taking into account that the satellite
payloads do not have to bring their own propellant for the transfer to Mars, which is usually
a high-density part of the satellite[130], this however is not an unreasonable assumption.

Figure 13.5: An overview of the volume reserved for payload

13.6. End-Of-Life
According to the United Nations Office for Outer Space Affairs guidelines [85] all vehicles in
LEO that have terminated their operational phase have to be removed from orbit in a con-
trolled way. Due to the size of the individual modules deorbiting them poses several risk and
therefore it was decided to bring them to a graveyard orbit instead. In the decommissioning
phase after the last mission has been finished the possibility of retrieval of resources from the
vehicle will be evaluated before the decommissioned modules will be brought into their final
orbit. The reactors will either stay connected to the propulsion system or will be connected
to a new propulsion system in order to bring them to a safe heliocentric orbit.

13.7. Logistics
Due to the size of the mission, many facilities and external partners will be required. Fig-
ure 13.6 gives an overview of the various facilities and parties required before, during and
between missions. Important components to note already are the manufacturing and inte-
gration halls (potentially the same building), the test facilities (internal and external), various
forms of transport, the launch providers, the crew training centres and the ground segment.
1https://mars.nasa.gov/mgs/mission/spacecraft.html

https://mars.nasa.gov/mgs/mission/spacecraft.html
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Figure 13.6: Operational and Logistical flow diagram

13.8. Sensitivity Analysis
An important parameter that would change the technical operations is the amount of launches,
either because the spacecraft becomes heavier or because the launcher capabilities are re-
duced, for instance due to a higher assembly orbit. The first has a relatively low impact on
the system, as the spacecraft is modular and simply more modules are berthed to the sys-
tem. The main change would be that the space tug has to be resized, to ensure it has enough
fuel to move the additional modules to the correct orbit. The latter, a reduction of mass per
launch, has large implications on the whole system. Especially the tanks have been sized to
the maximum mass capabilities of the Falcon Heavy, meaning the number of tanks would
have to be increased. An even further reduction of the launch capabilities would also require
a redesign of the habitat modules, meaning large parts of the spacecraft need modifications.
This means the system design is very sensitive to a reduction in launcher capabilities, which
thus needs to be closely monitored.

The system is also sensitive to the assumption that the space tug will be a feasible option.
As the concept has never been used in earlier missions, this is still a realistic scenario, for
example due to the complicated logistics of the many docking operations. In this case, each
launched module will require its own ADCS and propulsion system to make it rendez-vous
with the spacecraft. This would increase the mass and size of each module, and in case the
ADCS and propulsion sections cannot be fit into the Falcon fairing, the modules will have to
be redesigned. Especially the habitat modules are very tight in the fairing at this moment,
meaning they are most likely to change. It will be important to perform a feasibility study
on the space tug, including a potential test program in LEO, before the design of the habitat
modules is finalised.

13.9. Verification & Validation
V&V is required for both the In-Orbit assembly operations and the ground stations. Regard-
ing launch, integration tests will have to be performed together with the launch provider,
SpaceX, to ensure each module interfaces well with the fairing. This will also include vibra-
tion and electrical interference tests, as specified by the Falcon user guide. [113] Further-
more, the berthing operations will have to be tested, including the space tug. It is proposed
to dock a representable module, using the space tug, with the ISS, as this uses the same
(standard) docking ports.

The other large part of Operations V&V considers the ground stations. All ground stations
will require dry runs to get the crew acquainted with the systems, check if all communication
systems functions well, and improve the procedures. Furthermore, the crew will have to be
trained, which requires mockups of the spacecraft (especially the habitat modules) inside the
astronaut training centres.



14
Designing for Sustainability

Space missions have a large environmental impact due to their complexity and the required
launches. Even though the vehicle’s reusability and its modularity have a positive impact on
the mission’s sustainability material is still removed from Earth’s ecosphere and evaluating
the environmental impact after the end-of-life poses several difficulties. In this stage the
identified elements concern the creation of additional orbital debris, inadvertent atmospheric
entry and the use of harmful substances. Additionally a Life Cycle Assessment is conducted.

14.1. Debris Mitigation Plan
The common definition of space debris comprises all non-functional man-made objects, their
fragments and elements in Earth orbit. Issues related to it concern the potential for pollu-
tion of the atmosphere and on Earth surface, the orbit resource used, the risk and effects
related to collisions and explosion and the casualty risk on ground. Similar criteria can be
applied for the creation of space debris in Martian orbit. Special concerns regarding these
issues arise from the use of nuclear reactors for power generation as a breach of the core
containment could result in the release of fission products.

The altitude of the assembly orbit in LEO is dependent on multiple factors concerning the
mass which can be launched, radiation exposure, spatial density of orbital debris and safety
concerns. To mitigate the risk of collision and resulting break up of the spacecraft the as-
sembly orbit altitude defined in Section 13.4 is increased to 950 km as the spatial debris
distribution is favourable at this altitude [60]. This lowers the risk of impact of space debris
dependent on the orbit inclination also lowering the probability that the mission will generate
an increase in space debris. Current ground based radars can detect debris larger than 1 cm
in LEO1 which can then be actively avoided. All critical components of the spacecraft have to
be designed to withstand impact of debris below this threshold or need to be protected by the
application of extra MMOD shielding as described in Section 11.4.1. As the reactors are one
of the most critical elements of the spacecraft they are not only designed to withstand such
impacts but also MMOD shielding is externally applied to each of them to further decrease
the probability of fuel being released if an event occurs. The tracking capabilities for debris
and asteroids in deep space and around Mars are limited and the mitigation strategy for this
part of the mission relies on the application of MMOD shielding and the ADCS’ avoidance
manoeuvres as described in Section 8.4.

To mitigate the creation of debris after the spacecraft’s end-of-life it has to be disposed in
a way that removes its mass from densely populated orbits in a controlled way. In the de-
commissioning phase after the last mission has been finished the possibility of retrieval of
resources from the vehicle will be evaluated and all decommissioned modules will be brought
to a graveyard orbit. The reactors will either stay connected to the propulsion system or will
be connected to a new propulsion system in order to bring them to a heliocentric orbit without
the risk of future planetary impact.

14.2. Atmospheric Entry
Uncontrolled entry of an object into Earth or Martian atmosphere pose the risk of environ-
mental pollution. Composition and reactivity of re-entry smoke particles created during at-
mospheric re-entry depends on the object’s configuration and they could have significant
effect on the atmospheric chemistry [76] comparable to the changes of the atmospheric com-
position caused by the emissions of launchers which are identified as a source of ozone
depletion [71]. In a worst case scenario atmospheric entry can result in the release of fis-
sion products inside the atmosphere in a wide and unpredictable area. Due to the size of
the spacecraft and its modules the probability of objects not fully demising during entry and
1http://www.esa.int/Our_Activities/Space_Safety/Space_Debris/Scanning_and_observing2
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impacting the ground cannot be neglected. To prevent the contamination of the ground the
nuclear components have to be designed to withstand the high temperatures, stresses and
impact loads of an atmospheric entry or they have to be designed in a way that eliminates
the possibility of atmospheric entry.

The highest environmental impacts are connected to the risk of inadvertent atmospheric
entry. Three possible scenarios are investigated here and are included in the risk assessment.
They are re-entry from an Earth orbit during a launcher failure, failure in assembly orbit and
a failure placing the spacecraft on an Earth or Mars-impacting trajectory. As a first mitigation
to lower the impact of a launch failure all four reactors are launched on separate launchers.
As the reactors are launched inactive with not critical fuel elements the consequences of a
launch failure are considered to be limited to a small area comparable to the 24 km radius
contaminated by the NERVA Nuclear Thermal Rocket test[46]. When launched with a Falcon
launcher from Kennedy Space Center, FL all failures up to 700 s will furthermore result in
the reactors impacting on water, lowering the impact force. No release of fuel is expected if
this scenario occurs. Failure in assembly orbit can result in the loss of control but as the
assembly orbit is at an altitude above 900 km the orbital decay results in a orbit lifetime of 200
years[41]. The risk of atmospheric re-entry in this mission phase is negligible. Short-term
inadvertent Earth or Mars atmospheric entry occurs when the spacecraft is placed on a Earth
or Mars impacting trajectory during one of its missions. The long-term Earth or Mars-impact
component concerns a failure during the interplanetary trajectory which places the spacecraft
on a heliocentric orbit with the possibility of planetary impact. To lower the probability of
short-term entry the spacecraft’s deep space trajectory has to be such that it misses Earth
and Mars without further manoeuvres, and only be placed on a trajectory passing the planets
when necessary. Based on the determined probability of Earth impact for the Cassini mission
which implemented an Earth flyby at an altitude of 1200 km the probability of impact is
estimated to be smaller than 1.9 × 10ዅ[121]. Similarly long-term impact probability is based
on theory on Earth-crossing asteroids to determine the possibility of the spacecraft impacting
Earth and estimated to be smaller than 4.0 × 10ዅ over 100 years.[121]

14.3. Use of Harmful Substances
To lower environmental impact and to comply with present and future regulations the use
of substances identified to pose harm to human health and biodiversity has to be controlled
and limited. Substances are evaluated based on their classification in the EU Registration,
Evaluation, Authorisation and Restriction of Chemicals (REACH) framework.
14.3.1. Spacecraft Propellants
The primary propulsion system’s propellant, argon, is abundant in Earth’s atmosphere and
is classified as non-hazardous[29]. The secondary propulsion system, implemented in the
ADCS, is a bipropellant system using monomethylhydrazine, which poses serious health haz-
ards and is classified as acute toxic and hazardous to the environment[29], and dinitrogen
tetroxide, which poses serious health hazards and is classified as acute toxic[29]. Alternative
propellants with lower toxicity were investigated and a monopropellant currently under de-
velopment under the name AF-M315E by Aerojet-Rocketdyne was considered as replacement
[101]. Propulsion systems based on this propellant are anticipated to be available in the next
decade with a limit thrust up to 25 N. As this thrust level would require the implementation
of 200 thrusters to comply with the ADCS requirements it was discarded. The developments
of lower toxicity propellant thrusters will be monitored and a change of secondary propul-
sion system will be proposed if an alternative is identified. The design strategy includes the
implementation of measures protecting workers and assuring safe storage.
14.3.2. Batteries
The power backup system uses lithiated nickel cobalt aluminium oxide batteries. The bat-
teries’ elements pose various hazards, nickel is classified to pose serious health hazards[29],
the rare Earth element cobalt poses serious health hazards, acute toxicity and is classified as
hazardous to the environment[29] and aluminium oxide poses health hazards[29]. Currently
no batteries composed of materials with lower toxicity and without rare Earth elements of-
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fer similar performance. Design strategies include the inspection of the battery producer’s
supply chain and the implementation of safety measures protecting workers and users.
14.3.3. Nuclear Material
The implemented fission reactors’ fuel is 20 % enriched Uranium ኼኽU poses several mainly
radiological hazards and exposure should be avoided. As no alternative means of power pro-
duction are deemed feasible the design strategy is limited to reducing the risk of radioactive
contamination. The uranium enrichment facilities must comply with the safety standards
set up by the International Atomic Energy Agency [3] and handling, processing and storage
shall be closely monitored in alliance with the agency.

14.4. Life Cycle Assessment
The application of a Life Cycle Assessment (LCA) allows to evaluate the environmental impact
of large projects over their whole life cycle. Sources from which the highest emissions are
expected either due to their production process or their quantity are identified and further re-
searched. The CO2-equivalent, which has been determined for each occurrence, is a measure
which combines the emissions of various greenhouse gases and converts them to the equiv-
alent amount of CO2 on the basis of their global-warming potential[29]. An overview over the
LCA is given in Table 14.1. Operations includes all management, design and development
tasks and ground control during missions.

Mission Phase Source 10ኽkg * CO2-eq
per occurence

Number of
occurences

Total
[10ኽkg * CO2-eq]

Production Lithium-Ion Batteries 0.29 50 kW-h 10.0
Solar Arrays 0.8910 250.5 m2 222.9
Uranium Enrichment 19711 5.4 × 10ኽ kg * Unat 1,063.8
Aluminium 8.212 60 × 10ኽ kgAl 492.0
Polyethylene 1.313 34 × 10ኽ kgPE 44.2
CFRP 514 10 × 10ኽ kgCFRP 50.0
Titanium 8.112 1 × 10ኽ kgTi 8.1
Production 1,54015 1 1,540.0

Launch Falcon Heavy Launch 1,01016 12 Launches 12,115.9
Falcon 9 Launch 33717 5 Launches 1682.7

Resupplies Falcon Heavy Launch 1,01016 35 Launches 35,337.9
Falcon 9 Launch 33717 5 Launches 1,682.7
Food Supplies 0.004518 18.66 day * capita 83.9
Argon 0.0000819 785 m3

Ar 0.1
Operations Operations for 50 years 1220 15, 000 m2 180,000.0

Total Amount 234,334,415.0

Table 14.1: LCA conducted for the whole mission duration with sources ordered to mission phase. Additional launches might
be required for decommissioning. Footnotes on the emissions per occurence refer to the sources of each number.

The resulting 234, 334, 425 × 10ኽ kg * CO2-eq are an approximation of the emissions until
the decommissioning of the spacecraft in the 2060s. This is equal to roughly 1 % of the
global emissions of CO2 in 201821. The predicted emissions of the project are expected to
increase with an increasing level of detail in the LCA as more sources of emissions are to
be identified. Possible reductions of emissions can be achieved by selecting producers and
service providers based on their sustainability and by minimising transport routes.

9http://www.ivl.se/download/18.5922281715bdaebede9559/1496046218976/C243%20The%20life%
20cycle%20energy%20consumption%20and%20CO2%20emissions%20from%20lithium%20ion%20batteries%
20.pdf

10https://aip.scitation.org/doi/pdf/10.1063/1.4965731
11https://www.iaea.org/sites/default/files/publications/magazines/bulletin/bull39-2/
39205693436.pdf

12https://www.ncbi.nlm.nih.gov/pmc/articles/PMC4085040/
13https://link.springer.com/article/10.1007/BF02978888
14http://citeseerx.ist.psu.edu/viewdoc/download?doi=10.1.1.893.5802&rep=rep1&type=pdf
15https://fenix.tecnico.ulisboa.pt/downloadFile/395142223995/Tese_JoaoVascoLopes.pdf
16http://spaceflight101.com/spacerockets/falcon-heavy/
17http://spaceflight101.com/spacerockets/falcon-9-ft
18https://ccafs.cgiar.org/bigfacts/#theme=food-emissions
19http://www.diva-portal.org/smash/get/diva2:532125/FULLTEXT01.pdf
20http://www.arcom.ac.uk/-docs/proceedings/ar2002-129-136_Aye_et_al.pdf
21https://www.iea.org/geco/emissions/

http://www.ivl.se/download/18.5922281715bdaebede9559/1496046218976/C243%20The%20life%20cycle%20energy%20consumption%20and%20CO2%20emissions%20from%20lithium%20ion%20batteries%20.pdf
http://www.ivl.se/download/18.5922281715bdaebede9559/1496046218976/C243%20The%20life%20cycle%20energy%20consumption%20and%20CO2%20emissions%20from%20lithium%20ion%20batteries%20.pdf
http://www.ivl.se/download/18.5922281715bdaebede9559/1496046218976/C243%20The%20life%20cycle%20energy%20consumption%20and%20CO2%20emissions%20from%20lithium%20ion%20batteries%20.pdf
https://aip.scitation.org/doi/pdf/10.1063/1.4965731
https://www.iaea.org/sites/default/files/publications/magazines/bulletin/bull39-2/39205693436.pdf
https://www.iaea.org/sites/default/files/publications/magazines/bulletin/bull39-2/39205693436.pdf
https://www.ncbi.nlm.nih.gov/pmc/articles/PMC4085040/
https://link.springer.com/article/10.1007/BF02978888
http://citeseerx.ist.psu.edu/viewdoc/download?doi=10.1.1.893.5802&rep=rep1&type=pdf
https://fenix.tecnico.ulisboa.pt/downloadFile/395142223995/Tese_JoaoVascoLopes.pdf
http://spaceflight101.com/spacerockets/falcon-heavy/
http://spaceflight101.com/spacerockets/falcon-9-ft
https://ccafs.cgiar.org/bigfacts/#theme=food-emissions
http://www.diva-portal.org/smash/get/diva2:532125/FULLTEXT01.pdf
http://www.arcom.ac.uk/-docs/proceedings/ar2002-129-136_Aye_et_al.pdf
https://www.iea.org/geco/emissions/


15
Business Elements and Planning

Delta Mars is with respect to other missions a special case, not only by its technical content
but especially due to its requirements on the business aspect. The enormous costs should be
gathered in a way such that the system can still give a return on investment of 20 % to a group
before the end of 2050. First, the life cycle costs will be analysed in detail in Section 15.1.
Second, the current and potential markets for revenue are analysed in Section 15.2 and
finally an elaborated analysis of the return on investment before 2050 will be performed in
Section 15.3.

15.1. Life-cycle Cost Analysis
In this section all the cost that will be made from 2019 until mission end in 2060 will be
discussed.
15.1.1. AND-Tree
In Figure 15.1 all Delta Mars specific costs that can be expected over the upcoming 41 years
are categorised under four major space-cost components.

Figure 15.1: Cost Breakdown Structure for Delta Mars

15.1.2. Detailed cost estimation and planning
To get an accurate estimate of the return on investment, it is of importance that all the cost
components that are given in Figure 15.1, get a (preliminary) cost estimate. Realise that due
to inflation, the amount of money required for a investment now will be increased by a factor
(1 + 0.015)ፗ for the same investment in X years. An average inflation rate of 1.5 % is used in
the calculations, this is based on a Moving Average Analysis from the European Commission
1 for the Netherlands. A lot of costs found were in dollars, but our company is located in
Europe, a conversion factor of 1$=0.87 EU is used, based on last year market conditions
2. Both factors can be a large risk. Significant changes in inflation rate or conversion rate
due to a change in economic climate, can change the overall cost and income estimation.
FY2019 stands for how much the investment would cost today, FY2040 for how much this
1https://ec.europa.eu/info/sites/info/files/economy-finance/ecfin_forecast_spring_070519_nl_
en.pdf

2https://www.x-rates.com/graph/?from=USD&to=EUR&amount=1

103

https://ec.europa.eu/info/sites/info/files/economy-finance/ecfin_forecast_spring_070519_nl_en.pdf
https://ec.europa.eu/info/sites/info/files/economy-finance/ecfin_forecast_spring_070519_nl_en.pdf
https://www.x-rates.com/graph/?from=USD&to=EUR&amount=1


15.1. Life-cycle Cost Analysis 104

investment would cost in FY2040. The development, production and overhead cost for the
first 20 year are allocated under FY2040 as a worst case scenario of 20 years of inflation. In
the periods FY2040-2050 and FY2050-2060 there are only operational and overhead costs
and the inflation is accounted for every year individually. The cost estimate used is based on
parametric and analogues methods from SMAD, as the design phase is not passed completely
and a single large spacecraft is used, see Figure 15.2 and Figure 15.3.

Figure 15.2: Cost method selection 3

Figure 15.3: Cost relationships selection 4

Development Costs
The cost estimation is based on a general model tool for the spacecraft systems excluding
propulsion and power. The relationship used can be found in Equation 15.1.

𝐶𝑜𝑠𝑡 = 𝑎 ⋅ 𝑘 ⋅ 𝑀፝፫፲ (15.1)

For the Design, Development, Test and Evaluation (DDT&E) cost, the 𝑎 ⋅ 𝑘 and 𝑏 are 18.05
and 0.55 respectively [86], slide 7 of the University of Maryland slides for preliminary cost
estimation for manned spacecraft. From this top level cost, the breakdown can be made
to the Low and High TRL and the integration. The division can be made that 50 % will be
approximately for the integration and that the Low TRL requires more money dependent on
the system mass and TRL [86]. From [130] it is found that a TRL level 4, 5 and 6 require
17.5 %, 12.5 % and 10 % respectively more cost than the High TRL. While the dry mass of
the spacecraft is 180.7 t, the Space Tug t (TRL 5-6), the 52 Vasimir engines 28.1 t (TRL 5),
the 4 reactors (TRL 5) and MHD (TRL 4) together 24t this leads to a mass fraction of the low
TRL systems of 56.1/184. When the required extra cost is included per low TRL system and
one weights the mass fraction by this, one ends up with a development cost percentage for
the low TRL systems of 34.57 % of total development cost. The calculated development cost
with Equation 15.1 is excluding the cost of the engines and reactor. The VASIMR engine
that will be used has not yet a fixed cost estimate, however, the statements are made that
it will cost 10.5 million dollars to use for the ISS per year of mission extension. Therefore,
for this mission, it is assumed that for 52 engines, operating over 20 years, this results in
the 9.5 billion dollars of which 87.8 % is development cost [86]. The Nuclear Reactors cost
for development, testing, and constructing the engines is taken as to be equal to the cost per
reactor of the NERVA program, which was 1.4 billion dollars from 1955 to 1973. Accounting
for inflation it becomes 1.87 billion Euros of which 87.8 % is development costs [86]. The
division of the costs for the integration part is based on [130]. It is assumed that the costs
are equal spread out from 2020 to 2040. As no information was found on the division of the
low and high TRL cost parts and while the cost of the methods that will be used to develop
are not defined yet, it is for now assumed to be equally divided over the parts, however, a
more detailed analysis of these cost is required when the developments methods are defined.
Production Costs
For the flight unit cost (production costs for 1 spacecraft), Equation 15.1 can be used with
𝑎⋅𝑘 and 𝑏 are 0.5686 and 0.662 respectively with a dry mass of 180.7 t + 4 t for the space tug,
4NASA Cost Estimation Handbook Version 4.0
4https://ocw.mit.edu/courses/aeronautics-and-astronautics/16-851-satellite-engineering-fall-2003/
lecture-notes/l15_costmodellec.pdf

https://ocw.mit.edu/courses/aeronautics-and-astronautics/16-851-satellite-engineering-fall-2003/lecture-notes/l15_costmodellec.pdf
https://ocw.mit.edu/courses/aeronautics-and-astronautics/16-851-satellite-engineering-fall-2003/lecture-notes/l15_costmodellec.pdf
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from the same source as the development costs. The division of percentages over the parts
is based on preliminary estimates from [130].The 12.2 % (of the total costs mention before)
for production of the VASIMR engines and Nuclear reactors is added to this. The division of
costs is based on [130]. Those costs are made in the period 2035-2045.
Operational Costs
The operational costs is based on the current yearly operational costs for the ISS, which is 2.9
billion euro per year of which approximately 46 % is related to ground and space segments
and the other 54 % is related to overhead costs 5. However, realise that this 2.9 billion also
includes the redundant inventory for the ISS and EVA costs (1.1 billion Euro) that are not
relevant for Delta Mars. Together with around 300 million Euro of extra launch costs for the
ISS with respect to Delta Mars, Delta Mars operational costs are estimated at 1.5 billion Euro
per year. By this substraction of the redundant costs with respect to the ISS, the annual cost
estimate is more specified to this project. The costs are broken down to percentages where for
the ground segment those are based on [130], Table 20.11. The launch costs are based on two
missions in the period 2040-2050 where 18 Falcon Heavy launches (FY 2019 95 million Euro)
are required for the first mission and 9 Falcon Heavy launches for every extra mission. Also,
per mission 4 Soyuz launches are required (FY 81 million Euro per launch). Propellant costs
for 5 missions include 635 kg Uranium (44,200 Euro) 6, 203.5 t liquid Argon (1.87 euro per
liter) and 2,421 kg per mission for fuel for ADCS thrusters (1,000 Euro per kg) 7. From those
costs per mission, the percentage of total operational cost was determined for the periods
2040-2050 (two missions) and 2050-2060 (three missions). The other space segment costs
are equally divided as no information was found on that and those are heavily dependent on
the required maintenance equipment, spares and astronaut training, which were not defined
yet. However, the cost for the frequency spectrum auctions are not unfeasible as those are
often sold to parties in terms of billions of Euros8.
Overhead Costs
The overhead costs are the other 54 % of the yearly estimate of 1.5 billion Euro operational
costs for Delta Mars. The cost is broken down to the 20 % ROI dividend that is paid out to
the private investors once in 2050, and other project related cost from which the percentage
division is based on [130], Table 20.5. A 25 % Corporation tax over the overhead costs is
expected when the company remains located in the Netherlands.9 All these costs are made
during the whole 40 year duration as they are all related to daily company components.
Regarding the insurance, International Space Brokers (ISB), part of Aon Risk Solutions, is the
worlds only insurance broker for high risk space missions. The insure high risk spacecrafts
when in orbit and when in laucher by a rate of 0.85 1 % and 5 % respectively of the overhead
costs 10. An insurance of 6 % will be taken (both the in orbit constellation and in launcher), to
prevent large losses during failure. Also, by research from Deloitte in 2017, the percentage
of marketing and sales in energy and transportation (most suited category) is 4 % of the
overhead costs11.
Learning curve
When a product is produced more often two things can be noted. First, the fixed investment
costs are more spread out over the products, and second the effort and therefore cost to
produce one object is reduced due to the fact that the workers are more familiar with the
task and therefore the process is more and more efficient. However, as this spacecraft is only
build once, Delta Mars cannot take advantage on this. The accumulated life cycle costs per
category, including the total accumulated costs over 40 years can be found in Figure 15.5. In
2050, the total accumulated costs are 98.5 billion Euro (FY 2050) and in 2060 130.5 billion
5https://oig.nasa.gov/docs/IG-14-031.pdf
6https://www.wise-uranium.org/nfcch.html
7https://ntrs.nasa.gov/archive/nasa/casi.ntrs.nasa.gov/20160005781.pdf
8https://en.wikipedia.org/wiki/Spectrum_auction
9https://www.belastingdienst.nl/wps/wcm/connect/bldcontentnl/belastingdienst/zakelijk/winst/
vennootschapsbelasting/veranderingen-vennootschapsbelasting-2019/tarief

10https://www.aon.com/industry-expertise/space.jsp
11https://deloitte.wsj.com/cmo/2017/01/24/who-has-the-biggest-marketing-budgets/

https://oig.nasa.gov/docs/IG-14-031.pdf
https://www.wise-uranium.org/nfcch.html
https://ntrs.nasa.gov/archive/nasa/casi.ntrs.nasa.gov/20160005781.pdf
https://en.wikipedia.org/wiki/Spectrum_auction
https://www.belastingdienst.nl/wps/wcm/connect/bldcontentnl/belastingdienst/zakelijk/winst/vennootschapsbelasting/veranderingen-vennootschapsbelasting-2019/tarief
https://www.belastingdienst.nl/wps/wcm/connect/bldcontentnl/belastingdienst/zakelijk/winst/vennootschapsbelasting/veranderingen-vennootschapsbelasting-2019/tarief
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https://deloitte.wsj.com/cmo/2017/01/24/who-has-the-biggest-marketing-budgets/
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Euro (FY 2060), both including 25 % margin.

Figure 15.4: Cost Estimation for Delta Mars

15.2. Market analysis
15.2.1. Prediction of current possible markets
Already existing market for creating revenue are the following:
Transport of non-human payload to Mars
The Mars Delta can be used to transport non-human payloads to Mars such as satellites,
rovers and scientific instruments. This payload is divided in pressurised and non-pressurised
payload. Some payloads need to be pressurised to be able to perform their functions during
transit to Mars as computers, which introduces higher costs and thus higher prices for the
costumer. In Section 15.3 it is elaborated why one should choose this option instead of an
own satellite that travels to Mars.



15.2. Market analysis 107

Figure 15.5: Life-cycle cost overview

Documentary
A documentary will be made prior, during and after theMarsmission, including all interesting
parts of the mission such as development, launch, transit, orbit and a possible Mars landing.
Television Rights
The selling of television rights is expected to generate 4 billion, comparing this number to the
Olympic games in London 2012 this is almost the same, but considering that this mission
might include the first ever landing on the Mars surface, the team found this a valid esti-
mation considering all large part the world will be watching (8.5 billions people expected in
2040) 12 .
Private investment funds
Billion dollar investment companies and private equity firms such as KKR, BAIN CAPTIAL,
BERKSHIRE, PAI, LONE STAR have managed assets of hundreds of billions and invest in
opportunities to make profit so they can become share holder of this mission, with the benefit
of receiving a 20 % return of their investment in 10 years by the external cash flows that do
not have a share, like the sponsorships. They are only there to give the start capital and do
not expect anything other than 20 % ROI in 2050.
Agencies funding
A large part of the generated income comes from the agencies funding, since these agencies
achieve a revenue of 9 dollars per every dollar they initially invest in terms of scientific and
technological return to society, according to prof. W. Fowler from Cockrell School of Engi-
neering13. This Mars mission is special in its way that it is the first manned Mars mission
and can provide ground breaking findings about the possibilities of living in deep space and
further research topics as the spacecraft also returns to Earth. The investment of these
agencies is crucial for the mission.
15.2.2. Establishing of new possible markets
Non-existing markets which will be applicable for the Mars mission are the following:
Space Tourism to Mars
Space tourism was considered an option of generating revenue, however having passengers
on board requires a lot of training and preparing. Also the demand for space travel is not
that high when the price for a ticket is in the order of billions. This business plan is thus
discarded and instead spots on the spacecraft are sold to space agencies.
Maintenance contract of in-orbit satellites
The spacecraft will orbit Mars for more than a year, beforehand contracts can be made in
which the Delta Mars will perform maintenance that are close to Delta Mars in terms of orbit
12https://stillmed.olympic.org/media/Document%20Library/OlympicOrg/Games/Summer-Games/
Games-Rio-2016-Olympic-Games/Media-Guide-for-Rio-2016/IOC-Marketing-Report-Rio-2016.pdf

13https://alcalde.texasexes.org/2014/07/exploring-space-is-still-worth-the-cost-says-ut-expert/

https://stillmed.olympic.org/media/Document%20Library/OlympicOrg/Games/Summer-Games/Games-Rio-2016-Olympic-Games/Media-Guide-for-Rio-2016/IOC-Marketing-Report-Rio-2016.pdf
https://stillmed.olympic.org/media/Document%20Library/OlympicOrg/Games/Summer-Games/Games-Rio-2016-Olympic-Games/Media-Guide-for-Rio-2016/IOC-Marketing-Report-Rio-2016.pdf
https://alcalde.texasexes.org/2014/07/exploring-space-is-still-worth-the-cost-says-ut-expert/
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altitude. The spacecraft can manoeuvre itself close to a satellite and perform maintenance
using the robot arm, which is discussed in Section 11.7.
Remote robot control base building
As payload a robot can be brought to Mars and with a lander vehicle as payload on the first
mission, this can be brought down to the Martial surface, from the spacecraft this robot can
be operated by one of the astronauts. The revenue that comes from this lies in the prospect
of finding out new technological and scientific discoveries or building up a new base on the
Martian surface, where Delta Mars offers the platform.
Returning objects
The Martian surface is full of not yet discovered rock types and not known compositions of
the soil, from returning Martian objects research can be performed and pieces of rock can be
sold to third parties, this is however discarded as this is not allowed by international space
law.
Space Sponsorship Programme by Delta Mars
Income is generated from sponsorships of companies that are interested. As an example the
brand Coca Cola is proposed which has an investment budget of 4 billion each year [20].
Since the spacecraft will be viewed worldwide this is the ideal way to advert your brand,
for this reason it is estimated that half of Coca Cola’s budget could be used to sponsor the
spacecraft, hence realizing a budget of 20 billion. Coca Cola is a nice example since the
modules look like Coca Cola cans, however this is just an example and multiple brands are
considered to increase income. Short term (launch-focused) and long term contracts are
considered
Scientific research (E.g. Medical)
The spacecraft orbits Mars for over a year, creating options for long term research, for example
regarding radiation doses. This is of high value for medical research departments who would
invest for the information about this radiation exposure data. As already low dose radiation
research by the USA costs 100 million over 4 years, revenue can be made by this as the
experiments are way more easy on board a spacecraft that is radiated already14.
15.2.3. SWOT-analysis

SWOT analysis
Strengths Weaknesses
Intellectual capacity Lack of experience
Networking Resources
TU Delft specialists support
Location
Opportunities Threats
Funding opportunities Expensive/scarce materials and equipment
Returning of Martian objects Limited time
Space tourism SpaceX competitor
Media attention Limited reference data
Sponsorships

Table 15.1: SWOT analysis

The SWOT analysis shows where the teams opportunities and strengths lay and where the
team has to be careful with regards to their weaknesses and threats. The internal strengths
of the young team of bachelor students are its intellectual capacity, network, support of
specialist and the location of where the project is held, however this team of young students
has the weakness that they are lacking in experience and resources are limited.

The main opportunities regarding the Mars mission lie in the fact that it is the first manned
mission to Mars. This fact generates immense attention for the mission which results in
sponsoring, funding and the media attention. Making use of these opportunities results
in revenue for television rights, broadcasting of a documentary, sponsorships and invest-
ments. External threats are that materials and equipment is scarce and expensive, limited
time, SpaceX as a competitor and since this is the first manned mission there is very limited
reference data.
14https://www.proclinical.com/blogs/2019-3/the-top-10-pharmaceutical-companies-in-the-world-2019
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15.3. Return on investment analysis
Requirement
The requirement is that the system can create 20 % return on investment within 10 years of
operation. It is not specified which investor is meant by this, so there is freedom to create a
Delta Mars business philosophy regarding the division of the 20 % ROI.
15.3.1. Revenue analysis
As only one spacecraft will be build and used, all the earnings have to be made by using this
single object and the market volume is therefore very limited. However, as there is currently
not a similar concept in terms of mission architecture, Delta Mars still has a monopoly posi-
tion. Some things still should be discussed regarding the money that can be earned by the
external cash flows.

• 15 t of payload, like satellites, can be taken with Delta Mars per mission. It is only
interesting for a satellite, rover, lander or other instrument to go with Delta Mars when
enough savings are made by choosing for this. Travelling with Delta Mars would de-
crease the communication system size (Delta Mars used as relay satellite), propulsion
system size and especially lower operational cost, which ends up in a 20.3 % savings in
cost per kilogram 15. A cost of 1 million Euro/kg is average for a deep space mission,
so per kilogram of payload 203,000 Euro can be asked.

• The best paid documentary earned 120 million Euro 16. A little bit less is expected for
the Delta Mars documentary.

• For the contracts, no resources can be found yet as it is quite new. It is a rough estimate
based on the cost related to mission failure (around hundreds of millions) and a 1 %
insurance cost for that and for the robot control the money is mainly asked for providing
the platform (facility and equipment costs).

• It is expected that 0.001 % ( 10 million people) of the world population watches the 20
vlogs made. Revenue per 1000 views on YouTube gives 5 Euro from advertisement 17.

• The percentages of the agencies and private investors is determined by making sure the
investors can get their ROI of 20 % in 2050 that originates only from external cash flows
that do not have a share, like sponsorships. It can therefore be said that the agencies
money does not flow as ROI to the private investors.

The income that can be generated is visualised over the period 2020-2050 in Figure 15.6 and
Figure 15.7.Note the difference in moment of investment for the different incomes, as those
are heavily dependent on the mission starts.

Figure 15.6 Figure 15.7

15.3.2. Business profile and construction
It can be concluded that only around 25-30 billion Euro can be gathered by external cash
flows. A return on investment of 20 % can therefore not be realised over the total invested
15https://pdfs.semanticscholar.org/4d21/b8134099d456057af96539533861edfd5401.pdf?_ga=2.
182751023.826990487.1560332475-1423830552.1558445443

16https://www.thewrap.com/top-grossing-documentaries-box-office/
17https://influencermarketinghub.com/how-much-do-youtubers-make/

https://pdfs.semanticscholar.org/4d21/b8134099d456057af96539533861edfd5401.pdf?_ga=2.182751023.826990487.1560332475-1423830552.1558445443
https://pdfs.semanticscholar.org/4d21/b8134099d456057af96539533861edfd5401.pdf?_ga=2.182751023.826990487.1560332475-1423830552.1558445443
https://www.thewrap.com/top-grossing-documentaries-box-office/
https://influencermarketinghub.com/how-much-do-youtubers-make/
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money of all parties. Therefore, a collaboration is required between private investors and
the public domain (agencies). When those to work together, the ROI of 20 % can be given
to the private investors and the agencies already expect a return over decades in society
that is 9 times higher. To generate a 20 % ROI for the investors, the division of incomes
given in Figure 15.8 should be used. The division of the costs over this period is also given
Figure 15.9.

Figure 15.8 Figure 15.9

15.3.3. Balance
The overall income and expenses can be summarised for the period 2040-2050 in Figure 15.10.
The accumulated total cost and total income for the period of 2040-2050 can be visualised
by Figure 15.11. One can observe here that there is a constant surplus due to the fact that
especially at the beginning, the agencies invest per year a little bit more than the costs. When
the first mission occurs, the money of the private investors (FY2039-2040, funding period)
other external cash flows make the surplus growing. The income will be lower after this first
event, ending up with a decreasing surplus. However, at the end of 2050, the surplus is
(after the dividend to the private investors) still 23.13 billion Euro, equal to the money that
the investors invested and will be refunded.

Figure 15.10: Income Statement Delta Mars

15.4. Business Risk
15.4.1. Risks
The main risks concerning the business plan are the following:
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Figure 15.11

• Inflation and euro conversion changes.
• Loss of interest from politics, public, sponsors, agencies, investors and companies.
• Geopolitical or sponsor conflicts.
• Distrust of sponsors and investors
• Incapable crew for documentary.
• Watching TV becomes outdated.
• Insufficient demand for payload.
• Failure of data for research investors.
• Higher cost than expected.

15.4.2. Mitigation
The cost estimation includes a 25 % margin to cope with the inflation, conversion and the
risk of higher costs than expected. Also, billions are spent on the marketing, with the main
attention drawer of being the pioneers in a manned orbit around Mars, with a successful
mission worldwide interest will be guaranteed. Since the manned crew will be orbiting Mars,
bringing payload becomes much more interesting. The payload that is brought there can be
controlled by the crew, creating more possibilities for scientific research.The crew should be
trained in making a documentary to guarantee a quality documentary and multiple platforms
of providing this media should be considered since TV might become outdated.



16
System Integration and Analysis

This chapter describes the integration of the subsystems and mission elements described
up to this point, and the top-level system is analysed. To test the robustness of the design,
a sensitivity analysis is performed, and the expandability of the system is discussed. The
RAMS (Reliability, Availability, Maintenance & Safety) aspects of the system and it functions
are analysed, and finally the compliance of the system to the requirements is tested.

16.1. Iterations
After the preliminary sizing of the system in the Midterm report[126], two iterations have
been performed. In each iteration, the design became more detailed, and the budgets were
revised. Next to this, the dry mass contingency was reduced due to increasingly accurate
mass estimates, from 20 % in the preliminary design to 10 % in the current iteration.

During the first iteration, the design changed significantly compared to the preliminary de-
sign. It was found that the required radiator surface dominates the layout of the spacecraft,
and that the habitat modules needed to be significantly larger due to the long mission dura-
tion following from using low-thrust propulsion. This and other subsystem research results
were integrated into a new design, forming the first iteration of the system.

An important finding was that due to optimisation of the trajectory, the required Thrust-to-
Weight ratio could be lowered. This meant that the amount of reactors could be reduced
from 5 to 4, as long as the dry mass excluding propulsion modules was kept below 130 t.
This lead to a direct reduction in the dry mass, in addition to an indirect reduction, as the
radiators could be reduced in size now that there was less heat to dissipate. This redesign
started the second iteration.

The dry mass (excluding propulsion modules) of 130 t became a new target in the mass
budget of the second iteration. Furthermore, sizing and optimising of the radiators became
a high priority to reduce the dry mass further. Analysing the trajectory and the functionality
of other subsystems, it was found that it is possible to keep the radiators tangent to the Sun
at all times, while they were initially sized taking solar influx into account. This reduced the
radiator size further. Finally, as described in the design N2-chart of Section 4.2, the ADCS
was sized now that an estimate could be made of the Mass Moment of Inertia. Integrating
the results of all subsystem research again, resulted in the design presented in this chapter.

16.2. System characteristics
An overview of the system and mission characteristics, at the time of the last iteration per-
formed, are shown in Table 16.1. Final technical drawings are shown in Appendix B.

16.3. Sensitivity Analysis
The sensitivity of all subsystems has already been discussed in the previous chapters; here,
the most important ones that have impact on a system level, and several sensitive system
requirements are discussed.
16.3.1. Critical subsystem assumptions and dependencies
First of all, an overview is given of sensitivity analysis of the subsystems which have a large
impact on the system design:

• The whole system is most sensitive to the design and assumptions originating from the
Propulsion and Power systems. The VASIMR engine has been assumed to be opera-
tional by 2040, from which flowed the large electrical power requirement and thus the
choice for nuclear reactors. If this assumption turns out to be incorrect, the current de-
sign becomes unfeasible. The same holds for the Closed-Cycle Magneto-Hydrodynamic
Generators: the design is largely based on their future existence. Thirdly, Zero-Boil Off
cryocoolers are assumed to be fully developed, which for long-duration missions was

112
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System characteristics Mission characteristics
Wet Mass 399.2 t
Dry Mass 180.7 t Astronauts (baseline) 4
Payload Mass 15 t Mission duration 1148 days
Length 65 m Mars stay 520 days
Width 41 m First scheduled launch 2041
Height 6 m Earth orbit altitude 950 km
𝑀𝑀𝑂𝐼፱ 5 Mkgmኼ Earth orbit decay time 200 year
𝑀𝑀𝑂𝐼፲/𝑧 110 Mkgmኼ Earth orbit period 1h 44m
Habitable volume 100 mኽ Mars orbit altitude 400 km
Pressurised volume 260 mኽ Mars orbit decay rate Undefined
Engine VASIMR Mars orbit period 1h 58m
Propellant Liquid Argon Launcher Falcon family
Thrust 278.4 N No. of initial launches 17
Δ𝑉 35.2 km/s No. of resupply launches 9
Thermal Power 20 MW፭፡ Expected received radiation 1300 mSv
Electrical Power 11 MW፞
Backup Power 10 kW፞
Data rate 5 Mbit/s
Transmitting power 800W
Memory size 500 GB

Table 16.1: Overall spacecraft characteristics

found to be of critical importance. With current boil-off rates in cryogenic tanks, the
wet mass of the spacecraft could as much as double, which impacts all subsystems.

• As Chapter 10 showed, the design will also strongly change if the equilibrium tempera-
ture of the radiators is lowered. A reduction from 350 to 250 ፨𝐶 requires a radiator area
and mass increase of up to 100 % compared to the current design. This would result
in a significant redesign, and would require more research to determine its feasibility.

• On the operational level, the feasibility of the Space Tug will impact the design of the
other modules. If the space tug is infeasible, each module will require the incorporation
its own ADCS and propulsion system in order to allow autonomous orbital assembly .

• A change of launch capabilities would also result in drastically altered assembly plan or
even design, either due to a change in launcher or in assembly and parking orbit. The
habitat modules are sized to fit exactly into the Falcon payload fairing, so a reduction
in fairing diameter would mean a redesign of these modules. Furthermore, a reduction
in mass capabilities would increase the number of tanks required, and thus change the
layout of the feedsystem.

16.3.2. System level changes
While the system is currently designed for a dry mass contingency of 10 %, the sensitivity
analysis of various subsystems (especially ECLSS and Electronics) showed that the dry mass
could increase more than this. Calculations show that as long as the dry mass does not
increase more than 20 %, the design changes relatively little. For a larger increase, a fifth
reactor is required to provide power to the additional engines, which starts a snowball effect in
the mass by also requiring more heat to be radiated. As will be explained in the next section,
adding this reactor does not make the design infeasible, but does change it significantly.

An important system requirement that would change the overall mission is SYS-15: The
human occupants of the system shall have a maximum exposure of 1500 mSv per mission. As
at this stage, long-term low-dose radiation effects on humans are still not fully understood,
this requirement could become more stringent. As discussed in Chapter 11, increasing the
shielding slightly more will rapidly increase the habitat module mass. At the same time,
much shorter mission durations are unfeasible as shown in Chapter 6, due to the long Mars
stay required to wait for the next transfer window. This leads to the conclusion that, in order
to fulfil more stringent radiation requirements, other options must be considered such as:

• A descent to Mars surface, where the astronauts are shielded by both the planet and
the limited atmosphere

• Physiological solutions that can mitigate the damage caused by the radiation
• Active shielding using electromagnetic fields

All of these options require more research, meaning the mission concept is still very sensitive
to a reduction in acceptable radiation levels.
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16.4. Expandability
As specified in System Requirement 5, the system shall be expandable with further modules.
While this report is focused on designing the baseline for four astronauts, preliminary sizing
has been performed for extended configurations using the methods described in Section 4.3.
Habitat modules can be added both in length direction as well as on the side. As first example,
a fourth module of 25 t is added, which could accommodate two additional astronauts. This
would increase the dry mass to beyond the point where 5 reactors are required, meaning 12 t
of engines and reactors is added. Furthermore, 5.3 t of radiators has to be added, as well as
47 t of propellant and tanks. This means a total increase of 85 t in wet mass for adding one
module. For comparison, adding yet another habitat module would increase the wet mass
by only 60 t, half of which is propellant.

Figure 16.1: Example on the expandibility of habitat modules

In general, adding additional or different habitat modules is relatively simple, because of
the standard docking ports. Adding additional reactors and tanks is more complicated, but
still feasible. Adding additional radiators will be the most challenging part of expanding the
spacecraft, as either trusses have to be added in between the existing trusses and the habitat
modules, or the radiators need to be extended. The extended configurations will require more
research in future design phases, and their own detailed mass and power breakdowns.

16.5. RAMS characteristics
In this subsection the RAMS characteristics of the design are evaluated. Realise that after
the detailed design, this RAMS analysis can be updated and elaborated with more accurate
values and conclusions as more is known about the characteristics of the mission.
The Reliability of the spacecraft and the whole mission architecture is analysed, and shown
in Figure 16.2. The total launcher reliability is the multiplication of the Falcon and Soyuz reli-
ability. Two references are used, one based on statistical analysis (S/C) [56] and one based on
general ISS failures (General ISS) [77]. The reliability is for a certain period of time or amount
of launches. This time indication is also given. For the series reliability, all the subsystems
are multiplied which each other. The mission reliability is a result of the multiplication of
the Total S/C or Total General ISS with the Total Launchers. For the full redundancy, every
element is included twice, resulting in a reliability per part of 1− (1−𝑆𝑒𝑟𝑖𝑒𝑠𝑅𝑒𝑙𝑖𝑎𝑏𝑖𝑙𝑖𝑡𝑦). This
would actually result in an over-designed and significantly heavier spacecraft. For the partial
redundancies, the three parts of the S/C with the largest percentage of origin for spacecraft
failure are chosen to include redundancies. For the General ISS the electronics and electro-
mechanical parts, as these are not that heavy and can be included easily. These are indicated
by an orange box. For the others, the reliability of the series reliability is again used.
Availability outlines the percentage of time the spacecraft is operational in its 20 year life
cycle. Availability can therefore give a clear insight in the turn-around time of the vehicle,
but also the time needed to supply the vehicle before it can head back to Mars. Furthermore,
availability will help to prospect potential earnings and will further specify possibilities in
the business case and other financial manners. As the primary target of the mission is to
bring astronauts in Mars orbit with the transfer vehicle, the vehicle is said to be operational
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Figure 16.2: Preliminary reliability analysis [56][77]

when astronauts are on board, so from the moment the astronauts board to the moment they
undock and re-enter Earth atmosphere. To put that in numbers, the total mission duration,
that is from LEO to Mars and back to LEO, will be 1,080 days. It can be found that the total
time that astronauts will be on-board the passenger spacecraft will be roughly 980 days.
After the mission to Mars the spacecraft has to be resupplied with food, breathables, water
and propellant during which the spacecraft will remain in LEO. The resupply of the spacecraft
approximately takes 150 days. This can easily fit in the time that the spacecraft spends in
LEO according to the launchdates described in Chapter 6, resulting in a total turnaround
time of approximately 1,250 days. Out of which the spacecraft will be operational around
980 days, approximately 78.4 % of the time.
Maintainability outlines the vehicle’s maintenance capacity. First of all the level of detail in
which the ship can be maintained is important to note. During the transfer to and stay at
Mars, minor flaws and repairs can be taken care of by either the system or the astronauts.
Major repairs, such as replacing an entire module or repairing a significant component, shall
be taken care of in LEO as the spacecraft can receive the necessary parts and equipment from
the Earth. Because the spacecraft will spiral out of LEO when departing and spiral in upon
arrival without the astronauts on-board, the maintainability of this mission phase concerning
smaller repairs and other failures is limited. The larger repairs and replacements necessary
can only be done during its resupply time in LEO. In percentages, minor repairs and failures
can be taken care of 90.7 % of the time during the mission whereas the major repairs and
possible replacements can be made approximately 12 % of the time.
Regarding Safety: As always during the design phase of aerospace structures, safety margins
are included to cope with uncertainties. For safety, and also to some extent reliability of the
overall spacecraft redundancies are included. During production, modules, other structural
components, and important life sustaining devices will be elaborately tested to check if they
comply with the predetermined safety margins. The safety margins for aerospace engineering
are used by space agencies such as NASA and ESA. For example the same safety protocols
that hold for NASA will be used. These are the NPD 8700.1E ”Crew, Health and Safety”
protocol and the NPR 8715.3 ”General Safety Program Requirements” protocol that will focus
on the successful mission continuation [38]. The safety will be built in by the use of risk
mitigation and the resulting necessary redundancies. Safety is guaranteed, to some extent,
for either the mission duration (fail safe) or the entire lifetime of the spacecraft (safe life).
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16.8. Compliance Matrix
In the matrix below, compliance to all requirements identified in the Baseline Report[90] is
discussed. Green means that for this stage of the design, the requirement is being met, while
red means it is already certain is will not be met. Yellow means it is either uncertain or the
requirement needs modification due to new insights since the Baseline Reports. Further-
more, verification methods are mentioned for the system requirements. I, A, D and T stand
for Inspection, Analysis, Demonstration and Test respectively.

It also needs to be noted that many more requirements can be conceived now that the sub-
systems have been researched and designed in more detail. The list of requirements in the
compliance matrix has not been extended with these new requirements, but focus has been
put on analysing the system and top-level subsystem requirements.

16.8.1. System requirements

Identifier Requirement Comment Verification method
SYS-01 The system shall have the capability of transferring at least 4 astro-

nauts to Mars orbit and back.
I of layout

SYS-02 The system shall put humans in Mars orbit before 2040 Moved to 2041 due to launch
windows

SYS-03 The system shall have the capability to stay in Mars orbits for at least
2 Earth weeks.

Designed for a 1.5 year Mars
stay

A of mission profile

SYS-04 The system shall consist of interchangeable modules. Modules contain standard dock-
ing ports

D of multiple configurations

SYS-05 The system shall be expandable with further modules. D of multiple configurations
SYS-06 Each module of the system shall be able to autonomously rendezvous

and dock in orbit.
1 T in practice mission

SYS-07 The system shall have the capability of transferring 12 astronauts to
Mars and back using additional modules.

No detailed design yet A of mission profile

SYS-08 Each module of the spacecraft shall have a service life of at least 20
years

A of design

SYS-09 The system shall be launched using one existing launcher family. Design to launch on the Falcon I of design
SYS-10 The system shall have the capability of being resupplied for a new

mission to Mars
A of mission profile

SYS-11 The system shall maintain environmental conditions to within the same
bounds as the International Space Station.

ECLSS based on ISS A of design, T on ground

SYS-12 The system shall have a window. Dockable cupola I of design
SYS-15 The human occupants of the system shall have a maximum exposure

of 1500 mSv per mission
Worst case of 1300 mSv with
current shielding

A of mission profile

SYS-16 At least half of the system volume shall be reserved for payload. 2 I of design
SYS-17 The system shall generate at least 20% return on investment over a

10 year window after start of operations
For private investors A of business model

SYS-18 The cost to launch payload to Mars orbit using the system shall be
less than 2 m Euro/kg

Business model uses 2 m Eu-
ro/kg

A of business model

SYS-19 Each subsystem shall be dual modular redundant. I of design
SYS-20 All materials onboard of the systems shall comply with REACH regu-

lations.
I of design

SYS-21 All electronic components shall comply with RoHS regulations I of design
SYS-22 The system shall create no orbital debris at nominal end-of-mission 3 A of mission profile
SYS-23 The system design process shall be documented for continuation mis-

sions
-

1. Autonomous rendez-vous and docking is debatable in the current design. The space-
craft still assembles autonomously, however, each module requires the space tug to
berth with the spacecraft. Next to this, while the arm is able to perform simple repairs,
it is deemed infeasible to not perform any human checks once the spacecraft has been
assembled, due to the many electric and hydraulic connections between all modules.

2. The ”volume” is taken as the pressurised volume of the habitat modules, 260 mኽ. In-
side the modules, there is still 80 mኽ available for scientific instruments, which can be
extended to 130𝑚ኼ with the 15 t reserved for external payloads docked to the outside of
the spacecraft, as explained in Chapter 13.

3. Designed to de-orbit valuable modules, bring the others in a graveyard orbit, and send
the reactors on a heliocentric trajectory.
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16.8.2. Attitude Determination & Control System

Identifier Requirement Comment
ADCS-01 The ADCS of each module shall be capable of detumbling from <tbd> deg/s to <tbd> deg/s

in <tbd> time
ADCS-02 The ADCS of the assembled spacecraft shall be capable of detumbling from <tbd> deg/s to

<tbd> deg/s in <tbd> time
ADCS-03 The ADCS shall perform nominally for <tbd> years with <tbd> % reliability Currently unquantifiable
ADCS-04 The ADCS shall not exceed a mass of 2800 kg Updated for new budget
ADCS-05 The ADCS shall have an average power usage of 500 W Updated for new budget
ADCS-06 The ADCS shall have a peak power usage of 1000 W Updated for new budget
ADCS-POINT-01 The ADCS of each module shall provide a pointing accuracy of 0.01 deg per axis No AC in each module anymore
ADCS-POINT-02 The ADCS of the assembled spacecraft shall provide a pointing accuracy of 0.01 deg per

axis
ADCS-STAB-01 The ADCS of each module shall limit jitter to less than 1 deg/s per axis Unclear
ADCS-STAB-02 The ADCS of the assembled spacecraft shall limit jitter to less than 1 deg/s per axis Unclear
ADCS-SLEW-01 The ADCS of each module shall provide a slew rate of 0.5 deg/s per axis Required slew rate decreased
ADCS-SLEW-02 The ADCS of the assembled spacecraft shall provide a slew rate of 0.5 deg/s per axis Required slew rate decreased
ADCS-DETR-01 The ADCS of each module shall be capable of coarse attitude determination to an accuracy

of <tbd> deg while rotating at a rate less than <tbd> deg/s
ADCS-DETR-02 The ADCS of the assembled spacecraft shall be capable of coarse attitude determination

to an accuracy of <tbd> deg while rotating at a rate less than <tbd> deg/s
ADCS-DETR-03 The ADCS of each module shall be capable of fine attitude determination to an accuracy of

<tbd> deg while rotating at a rate less than <tbd> deg/s
ADCS-DETR-04 The ADCS of the assembled spacecraft shall be capable of fine attitude determination to

an accuracy of <tbd> deg while rotating at a rate less than <tbd> deg/s
ADCS-SAFE-01 The ADCS shall maintain a pointing accuracy of TBD degrees per axis in Safe Mode Not yet designed for
ADCS-DOCK The ADCS of each module shall be able to perform autonomous docking operations Together with space tug
ADCS-REL-01 External parts of the ADCS shall withstand an average radiation of 10 mGy/day Not yet designed for
ADCS-REL-02 External parts of the ADCS shall withstand a total irradiation of 20 Gy over 20 years Not yet designed for
ADCS-REL-03 The ADCS shall have no single points of failure Redundant CGM and thrusters
ADCS-REL-04 The ADCS shall remain nominally operational within a temperature range of <tbd> K Unspecified at this stage

16.8.3. Electrical Power System

Identifier Requirement Comment
EPS-01 The main power system shall be capable of providing 10 MWe for 5 months at any given

moment
Updated for current budget

EPS-02 The main power system dry mass shall be at most 25000 kg including redundancies. Updated for current budget
EPS-03 The EPS shall provide an average power of 10 MWe Updated for current budget
EPS-04 The EPS shall provide a peak power of 10.5 MWe Updated for current budget
EPS-05 The backup power system shall be at most 3000 kg including redundancies. Updated for current budget
EPS-06 The backup power system shall provide an average power of 9 kWe Updated for current budget
EPS-07 The backup power system shall provide a peak power of 10 kWe Updated for current budget
EPS-DIST-01 The EPS shall be capable of supporting all subsystems that need to be turned on at the

same time
Specified by power budgets

EPS-DIST-02 The EPS shall be able to turn on and off all subsystems.
EPS-DIST-03 The EPS shall have a back-up generator for life critical systems
EPS-STORE-01 The main EPS shall have a min capacity of 21 kWh. Updated from new calculations
EPS-STORE-02 Each module shall have 1 kW power available for autonomous docking No, space tug will have its own power supply
EPS-STORE-03 Each module shall be rechargeable at a rate of <tbd>. Not specified yet
EPS-STORE-04 EPS Storage shall be accessible and replaceable Not specified yet
EPS-STORE-05 EPS Storage shall have a safety factor of 10%
EPS-STORE-06 EPS Storage shall have a life of at least 20 years No, radiation degrades the batteries
EPS-GEN-01 The EPS Generators shall have an efficiency of 20% More efficient solar panels are available
EPS-GEN-02 EPS Generator shall have a safety factor of 10%
EPS-GEN-03 EPS Generator shall have a life of at least 20 years. Both reactors and solar panels
EPS-REL-01 The EPS shall withstand a radiation of 10 mGy/day Designed for degradation
EPS-REL-02 The EPS shall withstand a total irradiation of 20 Gy over 20 years Designed for degradation
EPS-REL-03 The EPS shall have no single points of failure Multiple reactors and PMADs
EPS-REL-04 The EPS batteries shall remain nominally operational within a temperature range of -20-40

K
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16.8.4. Tracking, Telemetry & Command

Identifier Requirement Comment
TTC-01 The system shall provide for a live feed of performance data from the system
TTC-02 The system shall be able to provide telemetry during all mission phases Except for conjuntions
TTC-03 The system shall be able to provide location data during all mission phases
TTC-04 The system shall relay all commands to the relevant subsystems
TTC-05 All electronic components of the telemetry subsystem shall comply with RoHS regulations
TTC-06 The system data shall store backup data Enough memory available
TTC-07 The TTC shall not exceed a mass of 200 kg Only C&DH on-board
TTC-08 The TTC shall have an average power usage of <tbd> W Irrelevant for TTC on ground, scrapped
TTC-09 The TTC shall have a peak power usage of <tbd> W Irrelevant for TTC on ground, scrapped
TTC-DL-01 The system shall be able to handle command, telemetry and tracking data simultaneously
TTC-DL-02 The system shall use pseudo-random noise modulation Changed from encryption
TTC-TRACK-01 Tracking of the spacecraft shall be provided during the entire lifetime of the system starting

with launch
Not designed for yet

TTC-TRACK-02 The system shall determine the spacecraft location with an accuracy of 0.1 m in Earth orbit Not designed for yet
TTC-TRACK-03 The system shall determine the spacecraft location with an accuracy of 1.0 m in Mars orbit Not designed for yet
TTC-TRACK-04 The system shall provide measurements of vibrations within the spacecraft with a reliability

of <tbd> %
Not designed for yet

16.8.5. Thermal Control
During the baseline report, the decision to use Nuclear-Electric Propulsion was not made yet,
which strongly impacted the scope of the thermal control system. This means the require-
ments are outdated and incomplete, and need to be extended upon in next design phases.

Identifier Requirement Comment
THERMAL-01 Thermal control system shall sustain proper temperature for equipment fuction Requires specifications
THERMAL-02 Thermal control system shall function for at least 3 years before maintenance Áccording to current redundancy measures
THERMAL-03 Thermal control system shall have a backup for reactor-off scenarios Updated
THERMAL-04 The thermal control system shall not exceed a mass of 20000 kg Updated for current budgets
THERMAL-05 The thermal control system shall have an average power usage of 250 kWe Updated for current budgets
THERMAL-06 The thermal control system shall have a peak power usage of 240 kWe Updated for current budgets
THERMAL-DIST-01 Thermal control system shall make sure electrical systems are kept cool Requires specifications, but met so far
THERMAL-DIST-02 Thermal control system shall ensure the EPS system has no malfunctions Requires specifications, but met so far
THERMAL-DIST-03 Thermal control system shall ensure the life support system has no malfunctions Requires specifications, but met so far
THERMAL-DIST-04 Thermal control system shall ensure the modules function properly Requires specifications, but met so far
THERMAL-DIST-05 Thermal control system shall ensure the computer systems do not overheat Requires specifications, but met so far
THERMAL-DIST-06 Thermal control system shall ensure the structures do not overheat or get too cold Requires specifications, but met so far
THERMAL-DIST-07 Thermal control system shall ensure the internal atmosphere has a temperature of 20 ፨𝐶
THERMAL-DIST-08 Thermal control system shall ensure that the temperature-sensitive payload is protected Requires specifications, but met so far
THERMAL-REL-01 The thermal control system shall not experience corrosion over 3 years Not designed for yet
THERMAL-REL-02 The thermal control system shall have no single points of failure
THERMAL-REL-03 The thermal control system shall remain nominally operational within a temperature range

of 2.7 and 400 K
Updated for current estimates

16.8.6. Structures

Identifier Requirement Comment
STRUC-01 Each module shall be able to withstand the launch loads. But requires more detailed analysis
STRUC-02 Each module shall have a a first lateral frequency greater than or equal to 35 Hz. Only hab module analysed so far
STRUC-03 Each module shall have a a first axial frequency greater than or equal to 35 Hz. Only hab module analysed so far
STRUC-04 Each module shall fit into the Falcon payload bay.
STRUC-05 Each module’s structure configuration shall comply with the launcher interface. Standard docking interface
STRUC-06 The assembled system shall have a combined window area of at least 1 𝑚ኼ with a maximum

of 10cm between adjoined windows.
STRUC-07 Each module’s structure shall be able to withstand the space environment for at least 20

years without losing its integrity.
Needs more analysis

STRUC-08 Each module shall not exceed a mass of 35000 kg Updated to launcher capabilities
STRUC-CONFIG-01 The system shall consist of modules which can be reconfigured
STRUC-CONFIG-02 The system’s configuration shall be expandable by the addition of more modules.
STRUC-CONFIG-03 The assembled system shall have a combined window area of at least 1 𝑚ኼ with a maximum

of 10cm between adjoined windows.
Duplicate for subsubsystem

STRUC-CONFIG-04 The assembled system shall have at least a volume of 25 𝑚ኽ per astronaut.
STRUC-CONFIG-05 The manned areas of the assembled system shall have a physical radiation shield reducing

the radiation to an average of 1.2 mSv/day during transfer
Updated with new insights

STRUC-CONFIG-06 The assembled system shall be able to maintain a pressure difference of 120000 Pa. Shielding became key requirement
STRUC-CONFIG-07 The assembled system shall have a air leak rate lower than 0.06 kg/day for the whole mis-

sion duration.
Not designed for yet

STRUC-DOCK-01 The docking interfaces shall be androgynous.
STRUC-DOCK-02 Each module shall have at least 2 docking ports. Only the habitat modules require 2 docking

ports for reconfiguration
STRUC-DOCK-03 The docking interface shall comply with autonomous rendezvous and docking systems



16.8. Compliance Matrix 123

STRUC-DOCK-04 The docking interface shall allow for docking of a fully functional module with a non-
cooperative module.

Arm can be used, according to IDSS

STRUC-DOCK-05 The docking interfaces shall be closable manually in case of emergencies. Complying with IDSS
STRUC-PAY-01 The structure shall provide a mounting location for an external payload
STRUC-PAY-02 Half of the system structure volume shall be reserved for the payload

16.8.7. Propulsion

Identifier Requirement Comment
PROP-01 The propulsion system shall be able to deliver a Delta-V of at least 35.2 km/s.
PROP-02 The propulsion system shall have an operational lifetime of at least 20 years. Needs demonstration
PROP-03 The propulsion system shall be able to still perform as required when one engine fails. 4 redundant engines included
PROP-04 The propulsion system shall not limit the functionality of other modules sytems. Unclear requirement
PROP-05 The propulsion system shall be operational in vacuum and deep-space temperatures Needs demonstration
PROP-06 The propulsion system shall be able to provide three-axis control. ADCS will provide this, req scrapped
PROP-07 The propulsion system shall be technical ready before 2040. Needs demonstration
PROP-08 The propulsion system shall be refulable
PROP-09 The propulsion system shall not exceed a dry mass of 36000 kg Updated for current budgets
PROP-10 The propulsion system shall have an average power usage of less than 10 Mwe
PROP-11 The propulsion system shall have a peak power usage of less than 10.5 Mwe
PROP-THR-01 The specific impulse that can be delivered by the thruster system used shall be 5000 s. VASIMR specifications
PROP-THR-02 The amount of thrusters used shall be able to provide three axis control. ADCS will provide this, req scrapped
PROP-THR-03 The thrusters shall fulfil their functionality after failure of one component. Not designed for yet
PROP-THR-04 The thrusters shall fulfil their functionality for a radiation dose of 20 Gy over 20 years. Updated, needs demonstration
PROP-THR-05 The reliability of the thruster system used shall be larger than <tbd> over a period of 20

years.
Not specified yet

PROP-ENS-01 The energy sources used for propulsion shall not influence the health of the astronauts. Radiation risk is increased
PROP-ENS-02 The energy sources used for propulsion shall not influence the performance of other sub-

systems.
Other systems designed for radiation

PROP-ENS-03 The energy sources used for propulsion shall be available during the wholemission duration.
PROP-REL-01 The propulsion system shall withstand radiation of 10 mGy/day Not designed for yet
PROP-REL-02 The propulsion system shall withstand a total irradiation of 20 Gy over 20 years Not designed for yet
PROP-REL-03 The propulsion system shall have no single points of failure Redundant engines
PROP-REL-04 The propulsion system shall remain nominally operational within a temperature range of

<tbd> K
Not specified yet

PROP-REL-05 The propulsion system shall maintain performance with one fission reactor inoperational With lower thrust or less engines

16.8.8. ECLSS

Identifier Requirement Comment
LS-01 There shall be a water recovery system.
LS-02 There shall be equipment for physical exercises.
LS-03 There shall be equipment to facilitate psychological help.
LS-04 There shall be equipment to facilitate medical help.
LS-05 There shall be sleeping spaces for all astronauts.
LS-06 There shall be food on the spacecraft to feed the astronauts for the whole mission duration.
LS-07 The atmosphere in the living module shall be pressurised.
LS-08 The atmspheric composition in the living module shall be similar to that of the International

Space Station within ranges of 5%.
LS-09 There shall be the possibility for the astronauts to communicate with home.
LS-10 There shall be equipment to facilitate personal hygiene.
LS-11 There shall be group activities on board.
LS-12 The living module shall not induce physical injuries.
LS-13 The living module shall not induce psychological injuries.
LS-14 There shall be the possibility to store non-recyclable waste.
LS-15 There shall be the possibility to dispose non-recyclable waste.
LS-16 The life support system shall not exceed a mass of 8000 kg Updated for current budgets
LS-17 The life support system shall have an average power usage of 5 kWe Updated for current budgets
LS-18 The life support system shall have a peak power usage of 6 kWe Updated for current budgets
LS-WR-01 The water recovery system shall have a recycling efficiency of at least 80%.
LS-WR-02 The urine of the astronauts shall be recycled to drinking water.
LS-WR-03 The non-recyclable waste shall be stored up and till the next disposal.
LS-WR-04 The waste recycling system shall be operational during the whole mission lifetime.
LS-ATM-01 The humidity in the living module shall be between <tbd> %. Not designed for yet
LS-ATM-02 The temperature in the living module shall be between 288-298 K
LS-ATM-03 Oxygen partial pressure shall be maintained at 19.4 - 23.7 kPa Updated from O2 percentage
LS-ATM-04 The percentage of carbon-dioxide in the living module shall be between <tbd> % Not specified yet
LS-ATM-05 The percentage of all other gasses than mentioned in LS-ATM-03 and LS-ATM-04 shall be

together be between <tbd>%
Not specified yet

LS-ATM-06 The light intensity in the spacecraft shall be between <tbd>𝑊/𝑚ኼ in the living and working
spaces.

Not specified yet

LS-ATM-07 The light intensity in the spacecraft shall be between <tbd>𝑊/𝑚ኼ in the sleeping spaces. Not specified yet
LS-ATM-08 There shall be no toxic substances in the living module.
LS-ATM-09 There shall be no pathogenic substances in the living module. Not designed for yet
LS-ATM-10 The atmospheric pressure inside the living module shall be between 96.5 - 102.7 kPa
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LS-ATM-11 There shall be no cold spots in the living module. Needs to be demonstrated
LS-PHY-01 The astronauts shall be fed with at least 3 meals per day.
LS-PHY-02 The amount of calories that the astronaut gets per day shall be determined by the Mifflin-St

Jeor Equation.
LS-PHY-03 The astronauts shall get a medical examination once a week.
LS-PHY-04 The astronauts shall do exercises 1 hour a day.
LS-PHY-05 There shall be at least 4 different types of exercise equipment in the living module.
LS-PHY-06 There shall be space to store medicines and food from radiation.
LS-PHY-07 There shall be one toilet per living module. Reduced to one toilet in the spacecraft
LS-PHY-08 There shall be one bathroom per living module. Reduced to one bathroom in the spacecraft
LS-PHY-09 There shall be equipment to perform first aid.
LS-PHY-10 There shall be a volume of at least 25 𝑚ኽ per astronaut in the living module.
LS-PHY-11 There shall be no physical changes that prevent successful mission operation. Experience from ISS
LS-PSY-01 The astronauts shall get a psychological examination once a week.
LS-PSY-02 The astronauts shall sleep at least 8 hours a day.
LS-PSY-03 The astronauts shall be able to communicate with home once a month by sound.
LS-PSY-04 The astronauts shall have the possibility to use 1 hour of spare time a day.
LS-PSY-05 The astronauts shall perform group activities 1 hour per week.
LS-PSY-06 The astronauts shall have the possibility to get privacy once a day.
LS-PSY-07 The astronauts shall communicate in English.
LS-PSY-08 There shall be no psychological changes that prevent successful mission operation. Experience from ISS
LS-PSY-09 The astronauts shall be selected using NASA’s astronaut selection program
LS-PSY-10 The day and night schedules of the astronauts should remain constant over time.
LS-REL-01 The Life Support System shall keep the human occupants safe with a reliability of 99.9% in

nominal case
LS-REL-02 The Life Support System shall withstand radiation of 10 mGy/day Needs demonstrated
LS-REL-03 The Life Support System shall withstand a total irradiation of 20 Gy over 20 years Needs demonstrated
LS-REL-04 The Life Support System shall have no single points of failure
LS-REL-05 The Life Support System shall remain nominally operational within a temperature range of

288-298 K

16.8.9. Communications

Identifier Requirement Comment
COMS-01 The system shall provide the ability to contact earth
COMS-02 All electronic components within the communication system shall comply with RoHS
COMS-03 The system shall be able to function during all segments of the mission Except for contact during conjunction
COMS-04 Communication from and towards earth shall be encrypted Through modulation
COMS-05 Autonomous communication between modules shall be possible Short-range radio waves
COMS-06 Receiving and transmitting data shall be able to happen simultaneously
COMS-07 All materials onboard of the systems shall comply with REACH regulations.
COMS-08 The C&CDH system shall not exceed a mass of 600 kg Updated for current budget
COMS-09 The C&CDH system shall have an average power usage of less than 600 W Updated for current budget
COMS-10 The C&CDH system shall have a peak power usage of less than 1400 W Updated for current budget
COMS-RX-01 After receiving the data shall be decoded onboard
COMS-RX-02 Receiving data shall not cost more than 150 Watts in nominal operations
COMS-RX-03 The reception speed on board of the spacecraft shall be a minimum of 125000 kbps Reduced to 100 Mbps
COMS-RX-04 The antenna shall always be pointed towards the target
COMS-RX-05 The receiver shall have a reliability of at least <tbd> % Not specified yet
COMS-RX-06 The system shall work coherently together with the transmitter when active
COMS-RX-07 The system shall be able to receive data from earth at its largest mission distance Sized for Mars opposition
COMS-TX-01 Before transmitting the data it shall be coded onboard Through modulation
COMS-TX-02 Transmitting the data shall not cost more than 450 Watts in nominal operations
COMS-TX-03 The transmission speed on board of the spacecraft shall be a minimum of 25000 kbps
COMS-TX-04 The transmitter shall always be pointed towards the target
COMS-TX-05 The transmitter shall have a reliability of at least <tbd> % Not specified yet
COMS-TX-06 The system shall work coherently together with the receiver when active
COMS-TX-07 The system shall be able to transmit data from earth at its largest mission distance Sized for Mars opposition
COMS-TX-08 The transmitter shall have a sufficient gain in order to attain a SNR of 21
COMS-REL-01 The communication system shall withstand radiation of 10 mGy/day Needs to be demonstrated
COMS-REL-02 The communication system shall withstand a total irradiation of 20 Gy over 20 years Needs to be demonstrated
COMS-REL-03 The communication system shall have no single points of failure
COMS-REL-04 The communication system shall remain nominally operational within a temperature range

of 123-423 K

16.8.10. Ground Systems

Identifier Requirement Comment
GS-01 The ground segment shall provide the launcher for the mission
GS-02 The ground segment shall take care of the resupply of the mission
GS-03 The ground segment shall provide for adequate ground control
GS-04 The system shall adhere to the mission in an clear and efficient way Unclear requirement
GS-05 The system shall have the capability of being resupplied for a new mission to Mars
GS-LAUNCH-01 The launcher system shall be able to mount all types of modules Modules adapted to launcher reqs
GS-LAUNCH-02 The system shall be able to reach LEO
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GS-LAUNCH-03 The cost to launch the payload to LEO shall be less than 10 000 euro/kg
GS-LAUNCH-04 The launcher shall have a reliability of at least 95%
GS-LAUNCH-05 The launchers used during the mission shall all fit within one family
GS-LAUNCH-06 The launcher shall be launched from a compatible location
GS-LAUNCH-07 The launcher fairing shall have sufficient volume to fit the module Modules adapter to fairing
GS-RESUP-01 The system shall provide for the resupply of food
GS-RESUP-02 The system shall provide for the resupply of fuel
GS-RESUP-03 The system shall provide for the resupply of water
GS-RESUP-04 The system shall provide for the resupply of breathables
GS-RESUP-05 The system shall provide for the resupply of payload
GS-RESUP-06 The resupply phase shall happen in LEO
GS-RESUP-07 The resupply mission shall happen at specific moments in time
GS-RESUP-08 The resupply mission shall be able to accomodate for maintenance equipment
GS-GC-01 Ground control shall be able to perform long distance diagnostics on crew and machine
GS-GC-02 Ground control shall be able to contact the spacecraft at all times Except during conjunctions
GS-GC-03 During launch, Ground Control shall be able to perform diagnostics on the launcher
GS-GC-04 Ground control communication shall be secured using end-to-end protocol algorithms
GS-GC-05 The system shall acommodate for a emergency stop authorisation during launch

16.8.11. Manufacturing, Assembly & Integration

Identifier Requirement Comment
MAI-01 The manufacturing process shall not pose any harm to the workforce.
MAI-02 The manufacturing process shall be continuously evaluated by the quality control.
MAI-03 The manufacturing timeline shall be consistent with the mission timeline.
MAI-PROD-01 The whole material supply chain shall be monitored.
MAI-ASSEM-01 The assembled systems shall adhere to the defined tolerances.
MAI-ASSEM-02 The distance the assembled systems have to be transported shall be limited.

16.8.12. Business

Identifier Requirement Comment
BUSI-01 The system shall generate at least 20% return on investment over a 10 year window after

start of operations
BUSI-02 The cost to launch payload to Mars orbit using the system shall be less than 2 m Euro/kg
BUSI-03 The spacecraft shall bring payload to Mars cheaper than existing competitors
BUSI-04 The spacecraft shall be able to transport untrained human passengers to Mars Deemed too unsafe as revenue model
BUSI-05 The spacecraft shall be able to transport a satellite to Mars orbit
BUSI-06 The spacecraft shall be able to transport a Lander to Mars orbit
BUSI-MED-01 The spacecraft shall be able to transmit video footage to Earth from space
BUSI-MED-02 There shall be space inside the habitat modules for commercial computer systems

16.8.13. Payload

Identifier Requirement Comment
PAY-01 The payloads shall not interfere with the mission goal External payload not found yet
PAY-02 Payload shall only be stored in the designated spaces External payload not found yet
PAY-03 The External Payload shall have its own power source External payload not found yet
PAY-04 Payload shall be checked to be functional before departure External payload not found yet
PAY-DIM-01 The payload shall have a maximum size of TBD x TBD x TBD m when packed Not specified yet
PAY-DIM-02 The payload shall have a maximum mass of 15000 kg
PAY-DIM-03 The payload shall have a CG at TBD m from the spacecraft Not specified yet
PAY-MOD-01 Payloads shall be modular attachable on the outside of the spacecraft
PAY-COMM-01 The Payload shall have its own communication system External payload not found yet
PAY-COMM-02 The Payload shall not use frequencies in the range 31-35 GHz

16.8.14. Sustainability

Identifier Requirement Comment
SUST-01 The system shall comply with the REACH regulatory framework
SUST-02 The system shall comply with the RoHS regulatory framework
SUST-03 The system shall not increase the amount of orbital elements around Earth except the op-

erational system itself
SUST-REACH-01 The system shall not contain any Substances of Very High Concern (SVHC) Use of hydrazine
SUST-REACH-02 The production of the system shall not use any SVHCs Use of hydrazine
SUST-REACH-03 All procurement sourced from outside the European Union shall be screened for SVHCs
SUST-RoHS-01 The system shall not contain larger than allowable concentrations than defined by RoHS
SUST-RoHS-02 All products sourced from outside the EU shall be screened for compliance with RoHS
SUST-DEBRIS-01 All system elements in Earth orbit shall be deorbited at end of life within 6 months
SUST-DEBRIS-02 All expendable system elements shall be deorbited following ejection within 3 months
SUST-DEBRIS-03 In the event of system failure, all Earth orbiting elements shall deorbit within 12 months Will require an active system to deorbit
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Technical Risk Assessment

Technical risk assessment allows the risks associated with specific system and mission de-
sign choices to be monitored closely, and is thus an essential part of the detailed design phase
for any engineering project. The threemajor steps in riskmanagement are their identification,
assessment and handling. During the assessment, the likelihood of an event occurring and
the impact of said event are evaluated. The handling refers to the application of mitigation
and contingency strategies to reduce likelihood and impact respectively. Risk assessment is
then repeated to evaluate the effectiveness of the mitigation and contingency strategies.

This chapter presents the complete technical risk assessment for the design project. Mis-
sion risks are associated with the development and organisation of the whole mission and
operational risks with the spacecraft itself. Operational risks are described on both system
and subsystem levels. Where possible, mission level risks are traced to specific technical
failures which would lead to risk occurrence. Mitigation strategies are discussed, and the
post mitigation risk map is presented. The chapter concludes with a discussion of further
mitigation efforts which should be made following the Design Synthesis Exercise.

Risk exposure is dependent on the likelihood of the event happening and its resulting impact.
Likelihood is measured in 5 levels ranging from unlikely (1) to frequent (5) and the impact
is measured in 4 levels ranging from negligible (1) to catastrophic (4). Risk likelihood and
impact are judged using engineering intuition by engineers working in the specific area. Risk
exposure is calculated by multiplying the likelihood level by the impact level. Exposure levels
below 5 are deemed low, from 5 to 9 medium and 10 and above is deemed high. The three
exposure levels are assigned the colours green, orange and red respectively and are used in
risk maps throughout this chapter. In order to reduce likelihood and impact, mitigation and
contingency strategies are applied where possible. Mitigation strategies aim at reducing the
likelihood of an event occurring, while contingency is aimed at reducing the impact after an
occurrence.

17.1. Mission Risk
17.1.1. Risk Identification
Mission risks were identified and assigned to the following categories: General mission risks
are top level risks that can lead to a severe or complete mission failure. Development risks
are associated with the technical development of subsystems required for the operation of the
spacecraft. Production risks are associated to the production of components and assembly
on ground. Maintenance risks are associated to the maintenance of the spacecraft over its
lifetime and sustainability risks are associated to the possible impact of the mission on the
environment.

• MI - General Mission Risk
– Mission failure due to bankruptcy: The company goes bankrupt due to failure of
the business plan (MI1).

– Mission failure due to spacecraft failure: Catastrophic failure of the spacecraft leads
to mission failure (MI2).

– Mission failure due to development failure: The mission is cancelled due to major
development complications (MI3).

– Catastrophic launcher failure: Module or payload destroyed during launch (MI4).
• DEV - Development Risk:

– Delays due to technical complications: Any delays caused by unforeseen technical
issues that need to be addressed (DEV1).

– Failure of component development: Assumed component not possible to be devel-
oped (DEV2).

• PR - Production Risk:
– Manufactured parts do not fit: Parts are not possible to assemble due to errors in
their design (PR1).
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– Part tolerances are not met: Parts are manufactured with lower accuracy than
needed (PR2).

– Parts cannot be manufactured: The parts designed cannot be manufactured with
the available manufacturing techniques (PR3).

– Parts damaged during assembly: Improper assembly leads to parts being damaged
(PR4).

– Low quality material is used: Supplier delivers material of lower quality than re-
quested (PR5).

• MA - Maintenance Risk:
– Damaged part cannot be replaced: Accessibility or binding method makes it im-
possible to replace damaged part (MA1).

– Spacecraft damaged during maintenance: Improper maintenance procedures lead
to damage (MA2).

– Damaged parts not detected: Damaged parts are not detected during during main-
tenance checks (MA3).

• SU - Sustainability Risk:
– Release of radioactive material due to launcher failure: Nuclear reactor does not
withstand a failure of the launcher and radioactive material is released into the
environment (SU1).

– Production of debris in Earth orbit: Orbital debris is produced upon a collision
(SU2).

– Extra-terrestrial contamination: Celestial bodies are contaminated by living organ-
isms from Earth (SU3).

– Contamination of Earth with extra-terrestrial life: Extra-terrestrial life is brought
to Earth upon return (SU4).

17.1.2. Pre-mitigation Risk assessment
The likelihood and impact of the identified risks was assessed and the results are presented
in Table 17.1.

Unlikely Seldom Occasional Likely Frequent
Catastrophic SU4 SU3 MI1, MI2, MI3, MI4 SU1
Critical PR5, MA2, MA3 MA1, SU2 DEV1, DEV2
Moderate PR3 PR1, PR2, PR4
Negligible

Table 17.1: Risk map of the most important identified mission risks.

17.1.3. Mitigation and Contingency strategies
Mitigation and contingency strategies were applied in order to reduce the likelihood and
impact of the mission risks discussed above. The general mission risks MI1 to MI3 did not
receive a contingency strategy as they lead to a complete mission failure by definition. The
strategies are presented in Table 17.2.
17.1.4. Post-mitigation risk assessment
The risks were analysed once more, after the mitigation and contingency strategies were
applied. The results are presented in Table 17.3. As can be seen the likelihood of most risks
and the impact of some was reduced. All risks have been eliminated from the most severe,
red zone, however a significant amount of risks still lies in the orange zone. These risks of
this mission are high because of multiple reasons. Space mission are risky by nature and
many new technologies need to be developed. Special care should therefore taken in planning
and monitoring the progress, in order to maximise the possibility of success. As discussed
in Chapter 15, a high risk insurance should be used.
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Desig. Mitigation Contingency
MI1 In depth business plan -
MI2 In depth operational risk analysis -
MI3 In depth development plan -
MI4 Use of reliable launcher Launch insurance
DEV1 In depth development plan Incorporate contingency time into schedule
DEV2 Use of high TRL components Plan back up options
PR1 Use of CAD, perform checks Use of CAD for ease of change of design
PR2 Adequate training of personnel Quality checks, non-destructive testing
PR3 Manufacturing is kept in mind throughout designing Use of CAD for ease of change of design
PR4 Adequate training of personnel Spare parts in stock
PR5 Use trusted suppliers, test material before use Non-Destructive component testing
MA1 Maintenance is kept in mind throughout designing Use fail-safe design strategies
MA2 Extensive astronaut training Have spare parts on hand
MA3 Use of sensors on critical parts Use fail-safe design strategies
SU1 Reactor designed to withstand launcher failure Launch over inhabited areas
SU2 Use of active collision avoidance systems Design spacecraft to produce minimal debris
SU3 Avoid unnecessary contact with celestial bodies Sterilise objects that shall contact celestial bodies
SU4 Avoid unnecessary contact with celestial bodies Sterilise, quarantine astronauts upon return

Table 17.2: Mitigation and Contingency strategies applied to mission risks.

Unlikely Seldom Occasional Likely Frequent
Catastrophic SU1, SU3, SU4 MI1, MI2, MI3
Critical MA3 MA1, SU2, MI4 DEV1
Moderate PR3, PR5, MA2 PR1, PR2 DEV2, PR4
Negligible

Table 17.3: Post mitigation risk map.

17.2. Operational Risk
17.2.1. Risk identification
For the operational risk map the technical risk/failures are identified per specific subsystem.
The risk that were found for the subsystems can be closely related to the risk involved for
other subsystems. Therefor the identification of the risk has to be set up with a subsys-
tem specific identifier. Below a small overview will be given for the assigned identifier per
subsystem and a small explanation is provided for the highest risk identified per subsystem.

• GEN - General Mission Risk:
– Collision risk: Collisions with either with other space vehicles, orbital space debris,
(micro-)meteorites (GEN1).

– Interface failure: Issues associated with the connections between modules, either
during assembly or during the mission (GEN2).

– General human error: Issues caused by human negligence or incompetence (GEN3).
– Incapacitated crew: The reduction in crew capacity due to a physical, physiological
or medical issue (GEN4).

– System diagnostics incorrect (NO GO): A false system signal that a (sub)system is
nonfunctional (GEN5).

• LA - Launch Risk
– Spacecraft gets damaged during Launch (LA2)
– Failure during Uranium provisioning launch (LA4)
– Module trajectory anomaly after separation (LA5

• DO - Docking Risk
– Seal Malfunction (DO1)
– Micro-meteorite and orbital debris impact (DO3)
– Misalignment of the docking ports (DO5)
– Failure of transfer connection (DO6)

• PR - Propulsion Risk
– Magnetic field containment failure (PR2)

• TR - Trajectory Risk
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– Interrupted burn due to engine failure (TR2)
– Deviation due to planning error (TR4)

• PO - Power Risk
– Unstable power generation/transfer (PO5)

• TH - Thermal Risk
– Degradation of the radiator panel over time (TH1)
– Impacts from micro-meteorites (TH3)
– Thermodynamic instability over time (TH4)
– Failure of working fluid pumps (TH6)

• TC - Telecommunication Risk
– Disrupted communication view spacecraft (TC5)
– Disrupted communication view ground station (TC6)
– Overheated Feeder (TC7)

• AS - ADCS Risk
– CMG failure
– IMU error

• LS - Lifesupport Risk
– Running out of spare components (LS1)
– Fire aboard spacecraft (LS5)
– Food Spoilage (LS7)
– Oxygen Generation Failure (LS9)

• AM - Assembly Risk
– In-proper feed-system assembly (AM2)
– Robot arm failure (AM4)

• NC - Nuclear Risk
– Inadvertent criticality during launch (NC1)
– Inadvertent criticality during manned phase of mission, orbiting earth (NC2)
– Inadvertent criticality during manned phase of mission, deep space (NC3)

17.2.2. Pre-mitigation Risk assessment
The above identified risks were first assessed pre-mitigation. More risk were identified per
subsystem but the mentioned risk above were deemed the most important risk to discuss.
The mentioned risks will now be graded according to their likelihood and its impact. This is
schematically depicted in Table 17.4.

Unlikely Seldom Occasional Likely Frequent

Catastrophic LA4, PR2 DO1, TC6,
LS5, LS7, LS9

DO3, TH4, TH6, TC5,
TC7, AS1, AS3, AM4,
NC1, NC2, NC3

GEN4, LS1, AM2

Critical GEN1,GEN2,
LA2, PO5

LA5, DO5, DO6,
TR4, TH1 GEN3, TR2, TH3

Moderate GEN5
Negligible

Table 17.4: Risk map of the most important technical risks involved

17.2.3. Mitigation and Contingency strategies
Mitigation and contingency strategies were applied in order to reduce the likelyhood and im-
pact of the risks. Similarly to the risk assessment, contingency strategies are highly depen-
dent on the time and location of occurrence. In case of emergency, earth orbiting spacecraft
may have access to fast rescue missions and resupply missions compared to deep space
situations. The following 2 tables give an overview of the applied strategies.
The risk score is calculated by multiplying the likelihood with impact, where likelihood ranges
from 1 to 5 and impact form 1 to 4. Risks with a score of 10 or higher are considered to be
most severe. The mitigation and contingency strategy for these risks will thus be explained
in more detail below table Table 17.5 and Table 17.6 .
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Designation Mitigation
GEN1 collision evasion, use of prediction models
GEN2 re-enforced interfaces
GEN3 warning lights, simple user interfaces, extensive training

GEN4 manage working hours, monitor psychological state and tiredness, use medicine,
no critical crew members,

GEN5 develop good diagnostics tool, test extensively
LA2 adequate adapter interface
LA4 Multiple mitigation’s. Reliable falcon 9, abort system
LA5 Use a Space Tug
DO1 Select space-grade sealing material and check over time/ replace
DO3 Smaller docking ports, recess docking ports
DO5 Add camera targets, Increase attitude determination accuracy
DO6 Monitor Flows through connectors
PR2 Install capacitors that sustain magnetic field while engine shuts down
TR2 Design propulsion with redundant engines
TR4 Verify and validate calculations / use reliable software
PO5 Use specialised electrical engines
TH1 Use space-grade coatings and check every mission cycle
TH3 Fold radiator panels when not operative, point radiators in plane with probability of meteorites
TH4 Perform heat transfer analysis during validation phase, perform CFD on entire system
TH6 Perform regular visual and softwar ematic inspection on pump system
TC5 Extra antenna on spacecraft
TC6 Design for worst case scenario (heavy rain and fog)
TC7 Cooling the feeder
AS1 Have sensors on board and re calibrate them regularly
AS3 Re-calibrate the IMU’s regularly and use space-grade equipment with high reliability
LS1 Care full analysis of component failure rates
LS5 Use of inflammable materials
LS7 Conduct research on food preservation
LS9 Extensive testing of oxygen generation system
AM2 Perform EVA checks in LEO before initiation of the mission
AM4 Brush less motors, space bearings, all joints can be replaced, spare parts.
NC1 Low-enriched (i.e. negative reactivity curve) + control rods + safety rods
NC2 Control rods and Safety rods to control the reaction and use sensors to determine
NC3 Control rods and Safety rods to control the reaction and use sensors to determine

Table 17.5: Mitigation strategies for the risks associated with the mission

Designation Contingency
GEN1 Shielding
GEN2 Module autonomy, spread resources, airlocks
GEN3 Routine checks
GEN4 Rest more, swap members
GEN5 Run software again, have investigation procedures
LA2 in orbit repairs, replacements available, insurance, budgeting contingency
LA4 Multiple launches, Launching non-critical Uranium
LA5 Have back-up modules
DO1 Sensors to detect and automatic sealing of docking ports
DO3 Add MMOD shields to the outside
DO5 Increase miss-alignment tolerance
DO6 Use valves and multiple connector pipes
PR2 Ensure proper shielding between engines
TR2 Take additional propellant for a less favourable trajectory
TR4 Take additional propellant for a less favourable trajectory
PO5 Have redundant electrical engine’s
TH1 Include a safety-factor to cope with loss of efficiency
TH3 Have spare radiator panels, use valve system to only close specific panel
TH4 Throttle down the reactors, use electric heaters/coolers to reduce instability
TH6 Have redundant pumps for every separate loop
TC5 Point antenna + data storage
TC6 Communicate to other ground station
TC7 Use other satellite dish
AS1 Have redundant CMG’s on-board to take over tasks
AS3 Have redundant IMU’s to take over tasks
LS1 Take backup/emergency supplies
LS5 Implement sensors and extinguishers
LS7 Take extra and diverse food
LS9 Use oxygen candles
AM2 Include a interrupt fluid flow option
AM4 Simulate tasks, crash abort option
NC1 Contain reactor in crash box and shielding, cool down the reactor remotely
NC2 In-space shutdown en switch to backup power + provide enough cooling and increase shielding
NC3 In-space shutdown en switch to backup power + provide enough cooling and increase shielding

Table 17.6: Contingency strategies for the risks associated with the mission

The human element of any mission is a great source of risk due to their unpredictabil-
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ity and reliability. Thus risks GEN3 and GEN4 are considered to be mission critical, these
risks are general human error and incapacitated crew respectively. For GEN3 the mitiga-
tion strategy is mostly composed of eliminating the chance of incompetent use of a system
or reducing the chance of a mistake by training, and optimising the human machine inter-
face, respectively. As for the contingency factors if the error was catastrophic such as rapid
depressurisation, no contingency plan can be made. However if the error has no immedi-
ate effect, or is slow acting rigorous and frequent checks are proposed to reduce the effect
of it. Risks GEN4, are the physiological, physical and medical issue of the crew, the main
mitigation strategy is reduction of the workload and monitoring of the well being of the crew
by ground control, furthermore no one member will be mission critical. In case of an issue
with one of the crew members the contingency plan is to make the crew member rest and
provide medical help for the issue, if needed through consultation with ground controls ex-
perts. Finally if a crew member is permanent or temporarily incapacitated reorganising of
responsibilities will be executed.
17.2.4. Post-mitigation risk assessment
The effectiveness of mitigation and contingency strategies can be evaluated by re-assessing
risks after their application. The following table shows the risk assessment post-mitigation.

Unlikely Seldom Occasional Likely Frequent
Catastrophic

Critical DO1, PR2, TC7, LS1,
LS5, LS9, AM4, NC3

Moderate

GEN1,GEN2,GEN5,
LA2, LA4, TR4, PO5,
TH1, TH4, TC5, AS3,
LS7, NC2

GEN3,LA5, DO6, GEN4
TH3, TC6, NC1

Neglegible DO3, DO5, TH6 TR2, AS1, AM2

Table 17.7: Risk map of the mission after mitigation strategies

17.2.5. Recommendations for Future Risk Analysis
From Table 17.7 it can be deducted that most of the risk both decreased in likelihood and
the impact was reduced by the mitigation and contingency strategies. These mitigation and
contingencies have been implemented in the detailed design a long the way of designing it.
However, still some risks have a moderate risk factor post mitigation/contingency. These
risks are LA5,DO6,TH3,TC6,NC1 respectively. They all score approximately moderate im-
pact under a seldom likelihood after risk mitigation. For risk LA5 this is because assembly
in space using autonomous modules at a certain fixed trajectory is hard and the concept of
a space tug is required. To minimise this specific risk, the concept of the space tug has to
tested in space before the initiation of the mission. For risk DO6 the connection between the
modules is still really vulnerable. The connection should be tested in the validation period
to possibly reduce the risk by looking into new connecting techniques. For TH3, working
fluid systems that have a certain substrate in it that can tight a hole/leak, this will dras-
tically reduce the impact of a meteorite impact. This will lower the TRL but can be tested
elaborately before launch into space. For risk TC6 earth orbiting or other planetary orbiting
satellites can be used to increase the view period for communication. Lastly, risk NC1 can
be mitigated by using smaller portions of Uranium in better confined spaces to counteract
the factors that cause increased reaction.
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Project Planning

This chapter concludes the technical and operational discussion of this report by laying
the framework for future design and development to be conducted post Design Synthesis
Exercise. The project design and development logic as well as the project Gantt chart are
described. System level verification and validation procedures to be performed are discussed.

18.1. Project Design & Development Logic
Development of the post DSE mission phases concerns the future company profile, the part-
ners required for a successful mission and the logical ordering of activities to be executed in
this phase.
18.1.1. Company Characteristics after DSE
To make a useful analysis of all the steps that have to be taken after finishing the DSE, it is
of great importance to determine what the company that grows out of this DSE actually does
and more important what it not does. After a group discussion the following company profile
was set up.

• The detailed design will be worked out further by the company, with all required tasks
that flows down from that.

• The company will not manufacture the spacecraft (modules) itself but will outsource
this.

• The selection and training of astronauts will be done by the company itself, however,
existing equipment will be used for this.

• Existing ground segments are going to be used.
• The launch will be done by an external party.
• The mission control and operations will be done by the company itself.
• The marketing department of the company will attract external investors and is respon-
sible for the marketing plan and commercial use of the spacecraft.

18.1.2. Partners
From the previous company description, it flows down that some partners should be involved
to achieve the required mission objectives. All contracts will be given by open tendering.
These can be summarised as:

• Part manufacturing partners shall be selected.
• Assembly partners shall be selected.
• Material suppliers shall be selected. This will still be done by the company itself to
ensure the quality of the half-fabricates, prevent extra costs and the use of sustainable
options.

• An external launch party shall be selected.
• Existing ground segments shall be selected.
• External investors and clients shall be attracted.
• Logistic partners shall be selected.
• Existing astronaut selection and training facilities shall be selected.
• Verification and validation resources shall be selected from external parties.
• Verification and validation shall be performed by external parties to achieve objective-
ness and prevents the company of building new equipment for this.

18.1.3. Timeline
The company plan for after the DSE with regards to the development logic can be summarised
in Figure 18.1

18.2. Project Gantt Chart
On basis of the activities layed out in the previous section a Gantt cart is set up to schedule
future activities in a time order adding start and end dates to them. The schedule is divided
into seven big phases: The detail design phase will continue after the end of the DSE further

132



18.2. Project Gantt Chart 133

Figure 18.1: Design and Development Logic

refining the subsystems and setting up operations. Midway in this phase the development
phase is initiated in which the subsystems and their components are verified and validated
and tests are conducted based on the specific procedures per subsystem. Shortly after this
phase has started production and certification will start and all elements will be produced
and certified if required before they will be integrated. In the mission preparation phase
ground operations and crew will be prepared for the in-orbit assembly phase and the mis-
sion execution phase. After the final mission has been executed the decommissioning phase
follows in which the vehicle will be prepared to be brought to its end-of-life orbit.
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18.3. Manufacturing, Assembly, Integration Plan
The production phase can be further detailed by outlining the processes and activities re-
quired in the construction of the system. In Figure 18.4 an outline is given in form of a
manufacturing, assembly, integration plan which orders these elements in a timely manner
from top to bottom. Starting from raw materials to sub-assemblies the source and compo-
nents for the different subsystems are given, then they are assembled to their specific launch
assembly, integrated in the launcher, launched and assembled in-orbit.

Figure 18.4: The Manufacturing, Assembly, Integration Plan for the production plan of the production phase. Time progresses
from top to bottom and the grey boxes specify where a step is carried out.

The production processes for some of the more complex and larger parts have been investi-
gated and manufacturing options have been determined. The propellant tanks will be friction
stir welded out of Al2219-T62 as this process creates high strength bonds with only little
defects and is currently used in the production of NASA’s SLS tanks [17]. The same man-
ufacturing process will be used to produce the habitation modules. It is also considered to
use Directed Energy Deposition, an additive manufacturing process for the production of the
modules but it was finally dismissed as aluminium is difficult to process [49]. The internal
panels of the radiation shielding which are made out of the thermoplastic polyethylene will
be additive manufactured and the external MMOD shields will be manufactured by using
automatic tape-laying for the composite elements.

Every subsystem is elaborately verified and validated as outlined in their respective sections.
The majority incorporate some form of live testing on ground before complete assembly as
well as a fully assembled live test both on ground and in orbit where applicable.
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Conclusion

Having conducted the first phase detail design of the Mars Transfer Vehicle, all subsystems
have gone through at least two iterations and are integrated in a coherent vehicle design.
With an planned vehicle lifetime of at least 20 years, the system’s durability, along with
many additional challenges have been addressed in order to qualify the design for flight. The
large required Δ𝑉 to return to Earth orbit forced all propulsive system options, other than
low thrust ion engines, to become obsolete due to their comparatively low ISP. This in turn
constrained the mission length, which made the already stringent radiation requirements
for the astronauts a key requirement. Furthermore, rendering such a pioneering mission
profitable was another challenge that was made possible by incorporating funding from and
cooperation with the major space agencies. One aspect of the mission that will become
increasingly important is sustainability. In the upcoming years it is uncertain whether any
change in legislation could make the current design unfeasible. However, potential novel
options and technologies could allow the current mission to lower its total emissions. Finally,
sustaining life in the hostile environment of interplanetary space leads to many functions that
the life support system must fulfil while being extremely reliable.

Throughout this design project, a number of discoveries were made that had a large effect
on the design. Following the simulation of low thrust trajectories form Earth to Mars, it was
found that a direct return trajectory would be very inefficient for anything other than a re-
turn after 520 days stay. This made large variations in mission length unfeasible, and an
early return necessitated by a unexpected event near impossible. Additionally, after iterating
through several engine options and arriving at the VASIMR, it became clear that especially
around Mars solar panels would be insufficient at providing the required power. This meant
that the Delta Mars mission will become the first manned spacecraft with operating nuclear
reactors on board that provide electrical power. While an interesting proposition, this leaves
the project in a grey area with regard to a number of key technologies such as Magneto-
Hydrodynamic nuclear reactors, Zero Boil-Off cryogenic coolers, and the VASIMR engines all
being relatively experimental. This means that the current design must rely on the develop-
ment and maturation of such technologies, before it can be designed, let alone built.

With this in mind, after conducting a number of iterations on all the subsystems, there are
further items that need more immediate attention in order to allow for the project to thrive.
One of the key driving factors of this interplanetary mission is the required Δ𝑉, and with the
use of more efficient optimisation methods and more computational power, a more efficient
trajectory could be found. This would have a snowballing effect that could affect all subsys-
tems and therefore it should be a priority in the upcoming iterations. Moreover, a further
understanding of long-term radiation impact on humans could impact the overall mission
strongly, as additional shielding will render the modules too heavy and faster trajectories
cannot be obtained using low-thrust propulsion.

Overall, it became clear that the requirement for a modular platform capable of bringing
humans to Mars orbit before 2040 and returning them to Earth orbit is very challenging. In
the current design, all technical requirements are met, but due to its reliance on experimental
technology, several mission requirements come into danger. These include the necessity to
launch before 2040, the aim for low-cost options, and the full modularity of the spacecraft.
From this conceptual design, as well as the context it fits in of the many conceptual mission
architectures developed by space agencies, it can be seen that many challenges are still to be
overcome andmuch research to be performed to enable humanity becoming an interplanetary
species.
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