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1
Introduction

Efficiency and sustainability are two aspects that are becoming more important in the commercial air travel
industry. With regulators moving towards ever stricter noise and emissions regulations, and airlines looking
for more efficient aircraft to reduce their cost, there is a need for a new aircraft that can fulfill both the future
sustainability requirements whilst also improving the aircraft efficiency.

With the greenhouse effect being a large contributor to global warming, there has been a significant push to
reduce the amount of greenhouses gases (CO2, NOx , etc.) in an effort to stop global warming. The warming
will cause, and is already causing, substantial problems related to health, climate and migration. One of the
contributors to the greenhouse effect is the aviation industry. As more people are expected to gain access to
air travel, especially in developing countries, air travel is set to increase its contribution to the greenhouse
effect. It is for this reason that the aircraft industry is seeking to innovate with respect to sustainability and
efficiency.

This is where this design team comes in, presenting the world’s first commercial hydrogen powered aircraft:
HYDRA. The aim of the design team is to bring to market a new commercial passenger aircraft that increases
efficiency, in terms of total lifecycle energy usage, by 20% whilst reducing the lifecycle cost of the aircraft
by 10% compared to the current Airbus A320 and Boeing 737. HYDRA will have a range of 6200 km whilst
accommodating 170 passengers.

The purpose of this report is to present the preliminary design of the main systems of the HYDRA. In addition
to the design of the systems other aspects of the aircraft such as its cost, associated risk, sustainability, etc.
are evaluated.

The report begins with an executive overview, Chapter 2 where key design choices and findings from each
aspect of the design are presented.

Following this the top level concept is presented in Chapter 3. Following, the technical analysis of the various
divisions is presented starting with Chapter 4, then the structural design of the aircraft is shown in Chapter 5.
Furthermore, the power and propulsion system design is in Chapter 6 and the stability and control of HYDRA
is laid out in Chapter 7.

After presenting the various design aspects, aircraft performance is shown in Chapter 8. This is followed by
the results from the Reliability, Availability, Maintenance and Safety (RAMS) analysis in Chapter 9. Then the
production plan and operations & logistics are presented in Chapter 10 and Chapter 11 respectively. The
sustainability of the project was analyzed and is presented in Chapter 12. The target market for HYDRA as
well as an estimate for the cost associated with producing and operating the aircraft are shown in Chapter 13.
A functional analysis of some of the primary aircraft systems is shown in Chapter 15.

Finally, an overview of the final design and key performance parameters are presented in Chapter 16. This
chapter also examines whether all requirements set prior to the design phase are met by the current design.
The report concludes with a discussion on the future of the project in Chapter 17. This chapter discusses
further improvements or steps that can be taken by each of the technical departments to improve upon the
current design.

1



2
Executive Overview

2.1. Top Level Concept
It was settled that the top level design would revolve around a blended wing body aircraft with open rotor
engines and powered by liquid hydrogen.

Class I weight estimation yielded an operational empty weight (OEW) of 47241kg and a maximum take off
weight (MTOW) of 69493kg. The results from a class I weight estimation of such an unconventional aircraft
comes with greater uncertainties than of conventional aircraft. The use of class II weight estimation based on
initial sizing provided an OEW of 56993kg and a MTOW of 79571kg.

The wing-thrust loading diagram made was used to place several restrictions on the wing plan form. The
design point was found to have a wing loading of 2400 N

m2 and a thrust loading of 0.296 T
W .

An initial sizing of the aircraft geometry was completed based on several basic parameters including number
of passengers, required floor area, and wing-thrust loading diagram. For the wing, the reference area is 284.05
m2.

2.2. Aerodynamics
The aerodynamic characteristics of the BWB focused strongly on the fuselage and the wing. Through 2D anal-
ysis using Xfoil, the airfoil selected for the body and outer wing were respectively, HSNLF-2017 and HSNLF-
0217. Using a model created in XFLR5 an estimate of the maximum lift over drag ratio of 21.5 was obtained.
The model considered the body of the aircraft, the outer wing as well as the empennage, engines could not
be modelled in XFLR5 and thus the drag due to the engine is not considered at this stage in the design.

Through the sizing of the high lift devices, a double slotted Fowler flap was selected, achieving the required
maximum lift coefficient at landing condition of 1.3, at an angle of attack of 14°.

2.3. Structures
In the implementation of the structural design, the aspects of the design which were most unconventional
and critical were focused on. This included stress analyses throughout the cabin skin, fuselage stringers, and
the wing box.

From the cabin skin analysis, the varying skin thickness around the elliptical cross-section of the cabin and
also along the length of the cabin were determined, where the maximum was found to be 1.5[mm] in the
center section of the cabin. The stringer area of the fuselage stringers was found to be 844[mm2] for each
stringer. The wing box analysis revealed that for the desired wing from the Aerodynamics department, the
box would need to have 5 stringers at the root, decreasing to 3 at the tip. The upper skin thickness varies from
9[mm] at the root to 1[mm] at the tip.

2
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Another aspect which is often a challenge for BWB configurations is the weight estimations, thus this was
also addressed in detail. The area of the fuselage and wing box stated above were used in part, together
with estimations from Howe [29] and Torenbeek [65]. This yielded weights for the outer wing, inner wing,
cabin, empennage, and landing gear, the sum of which is the airframe weight. The airframe was found to be
27802[kg ].

2.4. Power and Propulsion
There were several changes in Power and Propulsion when comparing HYDRA with conventional aircraft.
The first change was the use of hydrogen as fuel. The hydrogen fuel is stored at cryogenic temperatures to
increase the volume as much as possible. Due to the large temperature difference between the hydrogen
and the ambient temperature, insulation was designed to decrease the heat transfer into the tank. This was
done in order to reduce the temperature increase and therefore reduce the pressure increases. The designed
insulation consists of different layers, as described in[74]. The thickness of the tank was determined to be
0.14 m thick. The foam dominates the thickness of the insulation, since it was found to be the most effective
out of all the layers.

The tank parameters where optimized with the the use of the thermodynamic model developed in subsec-
tion 6.2.1 are shown in Table 2.1.

Parameter Value Unit
V 75.3 m3

mhydr og en 4731 kg
mt ank 4737 kg
t f oam1 0.063 m
t f oam2 0.063 m
tal ul i ner

0.00335 m
tg l ass f i ber 0.003 m

ttot al 0.1405 m

Table 2.1: Tank parameters

The behavior of the pressure in the tank can be seen in Figure 2.1

Figure 2.1: Behavior of tank in cruise
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Open rotor engines were selected because of the increased efficiency of the open rotor engine. Because hy-
drogen was taken instead of kerosene, the combustion chamber needed adaptations. The adaptation was the
fuel injection system which improved the mixing of the fuel with the air therefore reducing the NOx emis-
sions. The sizing of the open rotor was done by scaling a reference engine resulting in the following data for
the open rotor for HYDRA, shown in Table 2.2.

Table 2.2: Engine sizing

Parameter Value
Thrust [N] 101,000

Outer diameter of the propeller [m] 3.84
Inner diameter of the propeller [m] 1.56

Length of the engine [m] 6.57
Weight of the engine [kg] 3422

The fuel system had to be adjusted to the use of the hydrogen. Because the fuel should be transported be-
tween the engines and APU at still cryogenic conditions. Another problem that came up was the temperature
of the hydrogen before the combustion. The solution to this was the introduction of regenerative heating,
in which the waste heat of the engine was used to heat up the fuel, which further improves the thermal effi-
ciency. The weight of the fuel system was also estimated, and resulted in 373.5 kg.

The APU was found to be a necessary device in all aircraft, but only used on the ground. The APU was found
to be a small gas generator. The APU in HYDRA has been designed such that it will run on hydrogen, by
implementation of the same combustion chamber technology as for the engines. The weight was determined
also for the APU and found out to be 160 kg.

2.5. Stability and Control
Stability and control are of paramount importance to aircraft design. After all, if an aircraft is not stable for all
conditions normally encountered during flight, a control input or a perturbation (a gust of wind for example)
will cause the aircraft to go into uncontrolled oscillation or require constant (auto)pilot input. However, if an
aircraft is too stable, it will become uncontrollable, as the response to control inputs will be too slow.

Two types of stability can be discerned: static and dynamic stability. Static stability is the initial tendency of
the aircraft to return to its original position when it is disturbed. Dynamic stability implies that any oscilla-
tions to the aircraft dampen out over time.

First, the aircraft balance and center-of-gravity distribution were determined by means of a loading diagram.
This loading diagram plots the aircraft weight versus the center-of-gravity location as the loading process
takes place, and it thus yields the range of cg locations that the aircraft would ever encounter during opera-
tion.
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Figure 2.2: Loading diagram

Table 2.3: Center of gravity range

Minimum cg position [%MAC] 49.15
Maximum cg position [%MAC] 71.63

With the cg location in hand, the landing gear location can be determined. A number of criteria are important
here:

• Nose wheel steering capacity should be adequate.

• The aircraft should not tip back during loading due to very aft cg locations.

• The aircraft should not tip back and cause a tail strike during take-off.

• The aircraft should not tip over sideways during tight turns while on the ground.

• Sufficient tip clearance should be ensured during high-bank angles when landing.

Keeping these criteria on the landing gear positioning in mind, and by means of simple statics-equations, the
basic landing gear design was performed:

Table 2.4: Loading diagram input parameters

Parameter Value Unit

xnoseg ear 3.8 m
xmai ng ear 22.6 m
ymai ng ear 2.56 m
Number of main gear struts 2 -
Number of wheels per main gear bogey 2 -
Number of nose gear struts 1 -
Number of wheels per main nose gear bogey 2 -

2.5.1. Static stability

Static stability is ensured by means of a horizontal stabilizer. Using the longitudinal moment equations for
an aircraft in steady, horizontal (stick-fixed) flight, one can determine the optimal horizontal tail surface area
to satisfy both the stability and control requirement(s). By means of a so-called scissor plot, the horizontal
tail surface area was determined to be 71.32 square meters, or 24.07 percent of the total wing surface area.
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Figure 2.3: Stability and Control plot

With an area for the horizontal tail in hand, it could be sized and an airfoil could be selected. My means of a
reference procedure, the tail was sized as follows:

Table 2.5: Inputs needed for the sizing of the horizontal tail.

Horizontal tail Vertical tail
A [-] 4 1.1
λ [-] 0.4 0.65
Λ [◦] 30 (at LE) 43 (at 0.25c)

The NACA 0014 and NACA 0009 airfoils were selected for the horizontal and vertical stabilizer respectively,
both for their low inherent drag.

2.5.2. Dynamic stability

For dynamic stability, a state-space model was constructed in MATLAB. This model utilizes the standard
equations of motion for aircraft, and can be used to assess the dynamic response to control inputs and/or dis-
turbances. The model outputs the eigenvalue plot and the dynamic step response curves. With the selected
control and stability derivatives, the aircraft was determined to be dynamically stable under all conditions.
For the plots as described in this section, the reader is kindly referred to section 7.3.

2.6. Aircraft Performance
Several requirements of the aircraft concern the performance of the aircraft during flight. Accordingly, the
performance was assessed for the different phases of the flight based on the parameters from the top level
concept.

The airfield performance analysis yielded the take-off and landing distance, 1329 m and 1697 m respectively.
Moreover, the climb and descent phase were considered assuming a constant indicated speed for both. The
cruise was also included where a gradual climb was assumed in order to keep the cruising speed constant.
Combining all the phases the total distance reached, the flight time and the fuel burnt over flight were ob-
tained. The distance was 2857 km, the flight time 3hrs 38 min and the fuel burnt 1920 kg. The overall flight
distance covered for the design parameters can be seen in Figure 2.4.

Additionally, the flight envelope and the turning performance were considered in the performance analysis.
The flight envelope determined a maximum load factor of 2.5. The turning performance analysis resulted in
a minimum turn radius of 810 m and a minimum turning time for a full circle of 54 s.
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Figure 2.4: Distance of the whole flight as a function of altitude.

2.7. RAMS Characteristics
Turnround time is an important aspect of reliability and availability. With the use of conventional cargo
boxes, loading times are similar to that of an A320. The time needed for refueling will also remain despite the
increased volume of fuel needed due to the use bigger pumps with greater mass flow. While it is difficult to
determine the reliability of each subsystem at this stage, it is probable that the probability of failure is similar
to that of a conventional aircraft.

Maintainability characteristics of HYDRA will differ from conventional aircraft in the B and C type checks.
Increased maintenance on the fuel system and functional system need to be performed during such checks.

There are two characteristics with regards to safety, namely location of engines and hydrogen fuel tanks. The
placement of engines at the rear ensures that blade failure will not lead to a structural failure in the cabin,
while rear located fuel tanks ensure that in the event of a fire, it will not spread throughout the cabin. Four
type I doors and four type II doors are present to allow for speedy emergency evacuation that satisfies CS25
requirements.

2.8. Production Plan
There are three main stages to production; part manufacturing, subsystem assembly, and final assembly. It is
of great importance that timing is well managed as the delay of one part will have a domino effect, delaying
subsequent aircraft deliveries.

The learning curve in manufacturing should be recognized as a mean as reducing cost and increasing pro-
duction numbers, with an expectation that production will begin with 16 aircraft a month initially and rise
to 23 aircraft a month by the 2800th aircraft. This results in a total production of 4000 aircraft in a time of 15
years and 4 months.

2.9. Operations and Logistics
Operations concerns the tasks needed to operate the aircraft, whilst logistics covers the process of getting
everything to the aircraft to make it operable.

With regard to operations, unique aspects of HYDRA include the 3-6-3 abreast seating configuration, the use
of hydrogen, and a wide cargo compartment. The 3-6-3 abreast seating is not expected to increase loading
times significantly. The use of hydrogen presents an infrastructural problem that requires the modification
of existing pipelines. The wider cargo compartment should not be expected to increase loading times or
increase costs as standard cargo containers will be utilized.

For logistics, the greatest problem faced for HYDRA is the lack of hydrogen infrastructure. It has been shown
that this problem may be alleviated to a certain extent with efforts in various European nations including
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France and Germany already building a hydrogen pipeline network. In other countries, modifications of
traditional oil pipelines is needed or the implementation of electrolysis factories at airport locations. For the
target market in southeast Asia, India has researched hydrogen infrastructure for transportation purposes
and aim to have test facilities for refueling available by 2050. Japan, China, and South Korea are also investing
in hydrogen as a means of fossil fuel replacement.

2.10. Sustainability Development Strategy
Given the aim of designing a truly high-efficient aircraft, sustainability is a key factor.

Through the use of hydrogen, the primary by-product is H2O and NOx . While, H2O is a greenhouse gas, it’s
residence time in the air is only about 6-12 days, which is significantly shorter than the 100 years for CO2.
The concern with regards to NOx may to a certain extent be solved through leaner combustion, however
this is something that needs to be investigated further. There are also concerns regarding the production of
hydrogen, of which about 97% is from natural and 3# from electrolysis. However, it is expected that with eyes
on the long term, hydrogen production will shift more towards electrolysis.

There is a significant concern over the noise produced through the use of open rotor engines. While at this
stage no detailed design with regards to engine noise has been completed, industry research with the use of
CFD analysis has shown that modern day technology is able to design rotor blades such that noise regulations
both current and for the future will be met.

As sustainability carries through the entire life-cycle of an aircraft, the end-of-life disposal options should be
examined. With HYDRA’s structure built primarily using aluminum, the material is easily recyclable. Engine’s
and other components are also designed for long-term use in mind and may be able to placed on other aircraft
after end-of-life of aircraft.

2.11. Market Analysis
A market analysis was performed to help determine the opportunities and risks that lay in the market. The
two primary competitors for HYDRA are the Boeing 737 and the Airbus 320. Reports by Boeing and Airbus
predict an estimated volume of single aisle aircraft from 2016-2036 of 24810 to 29530 aircraft. A increasing
proportion of these aircraft will operate in emerging markets, namely southeast Asia. Given the opportunities
present in the market, an entry into service date of 2030 has been set.

Given the importance of cost over the viability and sustainability of an aircraft program, it was set early on
that the aircraft would be required to have a total lifecycle efficiency that is 10% lower than the B737 and
A320. The final lifecycle cost of the aircraft assuming an optimistic scenario is $872 million, which represents
a $350 million decrease in price in comparison to the A320. From the perspective of the manufacturer, the
break-even point lies at 265 aircraft, assuming that there is a learning curve. The final cost breakdown based
on subsystems is given below.

Table 2.6: Allocated cost budget in million of dollars with contingency factor

Subgroup Wing Fuselage Tail
Landing
gear Propulsion

Systems and
equipment

final
assembly

payload and
cabin layout

Specification cost [$106] 11,4 11,7 4,2 1,3 3,8 2,5 2,5 4,62
Target cost [$106] 0,5 10,8 3,9 1,2 3,5 2,3 2,3 4,3

Contingency factor 0.08 0.08 0.08 0.08 0.08 0.08 0.08 0.08

2.12. Risk Management
Several technical risks were established and mitigation techniques were implemented. Each risk was quanti-
fied in probability of occurrence and consequence. For visualisation purposes, a risk map is produced, both
prior and after mitigation.

There were 5 main technical risks identified. The first is blade penetration into the empennage due to the lack
of an engine nacelle. This risk is mitigated through designing control surfaces with redundancy with both hy-
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draulic and electrical lines. The second is the risk of propeller detachment as a result of bird strikes, which is
mitigated through increases in maintenance. The third is the fire hazard from the fuel tanks, which is miti-
gated through a coating of fire retardant substance outside the fuel tank, and the cooling of the tank to lower
risk of self combustion. The fourth is the freezing of hydrogen due to leakage. The associated consequences
are not that high and are mitigated through the use of additional pressure and temperature measuring devices
to ensure early detection. The fifth is that the repair of hydrogen tanks will require disassembly. Mitigation
involves a repair technique that a hole on the fuselage skin can be cut out as a temporary access point to the
damaged part of the tank. The hole can then be patched.

2.13. Functional Analysis
A functional flow diagram was developed which showed the logical order of functions which the aircraft must
perform. This helps for when the aircraft is in operations, visualizing the sequential functions which should
be undertaken on the ground and also in flight.

A functional breakdown structure was developed, slightly different from the flow diagram in that it is not
sequential, but rather shows the breakdown of each of the functions which must be performed. A distinction
was firstly made between operations and maintenance, and the different functions broken down from there.
The operations branch was elaborated on in more detail since this is the primary function of the aircraft.

2.14. Efficiency

Ultimately, the goal was to design a true high-efficiency commercial aircraft. As such, efficiency is one of, if
not the, most important parameters that has always been kept in mind throughout the entire design process.
Use of the, now famous, efficiency equation has yielded the following results for efficiency, and it is clear that
the HYDRA is, in most respects, substantially more efficient than state-of-the-art competitors.

Table 2.7: Efficiency comparison: A320 NEO vs. HYDRA

Aircraft Range [km] EIS η0 [-] C L
C D [-] OEW [kg] FW [kg] mpax [kg] Esp [J/kg] Efficiency [J/m]

A320 NEO 5 639 2016 0.37 19.07 47000 17750 14250 4.28e7 1846
HYDRA 6 200 2030 0.40 21.50 56993 2364 16150 1.20e8 1372

2.15. Future Planning
Given the limited time and resources in the DSE, several aspects of design have not yet been explored but
remain of interest. For aerodynamics, a greater detail over flow characteristics of the entire aircraft shall be
performed using CFD. For structures, greater analysis of connections of subsystems such as the empennage
and windows would be performed. Materials would also be examined more in depth as would the type of
stringers, and the load bearing paths of different fastening methods. For stability and control, a more de-
tailed control system would be designed and more detailed stability derivatives would be determined from
aerodynamic analysis using CFD.



3
Top Level Concept

Proceeding from the Midterm report [2], it was decided to develop the concept of a hydrogen powered blended
wing body aircraft with open rotor engines. In order to design a complex system, which an aircraft undoubt-
edly is, the system is broken down into subsystems and analyzed separately. However, simultaneously com-
patibility between the subsystems must be ensured. Such that when the subsystems are put together, the
final system fulfills the required function whilst meeting required performance parameters.

In this chapter, the top level concept (TLC) of the aircraft is discussed. First, in section 3.1, the class I weight
estimation is presented. Then, in section 3.2, the wing/thrust loading diagram is presented. In section 3.3,
the internal composition, including the cabin and cargo compartment, and the external geometry, which
includes the fuselage and outer wing, sizing is described. Following, the determination of the component is
explained in section 3.4. Finally, the class II weight estimation is shown in section 3.6.

The N2 shown in Figure 3.1 illustrates overview of the iterative process. It is to be noted that for this design,
given the time constrain and complexity of an unconventional design, only local iterations were made, and
the main loop of iteration from class II weight estimation back to class I, as shown with the green boxes, was
not made.

Figure 3.1: TLC process N2 chart

3.1. Class I weight estimation
The class I weight estimation serves to obtain a first estimate of the weight of the aircraft, based on which
the first iteration of the design is made. It is important to obtain an estimate that is as accurate as possible
right at the beginning, because the closer the initial estimate is to the final value, the less iteration effort

10
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Table 3.1: Blended wing body statistical data [13]

Design VELA 3 NACRE OREIO N2A-EXTE ACFA BWB150 BWB250 BWB400
PW [t] 137 127 45.36 46.72 50 20.5 43.8 64

OEW [t] 327 307 112.85 101.82 225 38 79.9 130.9

is required during the design process. Typically, class 1 weight estimation is a statistical method based on
previous designs. For conventional aircraft, an extensive database of existing designs is readily available.
However, for blended wing body aircraft, there is currently no existing design in service, and all of the works
on blended wing bodies are only scientific studies. Due to that, the uncertainty of such an estimation is much
greater than for a conventional tube-and-wing aircraft, however at this stage it is the only available option to
start the design with.

A linear relation in the form of

OEW =OEWaPW +OEWb (3.1)

with PW being the payload weight, OEW operational empty weight and OEWa and OEWb the linear fit pa-
rameters is obtained. The parameters OEWa and OEWb are obtained as a linear least square fit through the
data from Table 3.1.

To determine the maximal take-off weight (MTOW), the fuel weight needs to be calculated. Using the method
of Torenbeek [66], the procedure to obtain the MTOW is performed. First, the fuel fraction required for the
cruise at design range is calculated by

F Fcr = Rmi s +Rlost

η0
CL
CD

Esp

g +0.5(Rmi s +Rlost )

(3.2)

where Rmi s is the design range, η0 is the total propulsive efficiency, CL
CD

the cruise lift-to-drag ratio, Esp the
energy density of the fuel, g the gravitational constant and Rlost the lost range. The lost range is a concept
to incorporate the additional fuel burn required to take-off and climb to the cruise altitude and is calculated
with

Rl ost = (1.1+0.5ηM )
CL

CD
hei (3.3)

where ηM is the correction for engine efficiency operated in non-optimal Mach number and hei is the initial
cruise energy height calculated as

hei = hi +
V 2

cr

2g
(3.4)

where hi is the initial cruise height and Vcr the cruise speed.

CL
CD

is taken equal to 20.0 as the literature review performed in the Midterm report [2] on the subject showed
a potential of achieving values as high as 22.0. However, at the begin of this design phase, it was realized
that this value was only attainable for larger aircraft, because for smaller ones, the fuselage airfoil thickness
is adversely affected by the minimal height requirement of a standing person [13]. Therefore, the CL

CD
, which

is one of the design goals, was lowered right at the beginning not to be over-optimistic, which may lead to a
larger amount of iterations needed as the results would not initially converge with the expected value.

Furthermore, CS-25 regulations [21] stipulate that for safety reasons, after flying the required range, the air-
craft has to be able to loiter for 30 minutes. Therefore, the fuel fraction based on optimal endurance is calcu-
lated as

F Floi ter =
1

e

 EL g T SFC
CL
CD

+d
CL
CD loi ter

 (3.5)

with EL the required loiter time, T SFC the thrust specific fuel consumption and d CL
CD loi ter

the statistical

increase of CL
CD

at the maximal endurance condition [72].
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Consequently, with an additional 5% of required reserve fuel, the design MTOW can be calculated as

MT OW = PW +OEW

−1.05(F Fcr −F Floi ter )−0.05
(3.6)

The inputs and results are shown in Table 3.2.

Table 3.2: Class I weight estimation data

(a) Inputs

Parameter Value Unit
OEWa 2.3617 -
OEWb 7553.35 kg
Rmi s 2800 km
PW 20000 kg
η0 0.4 -
CL
CD

20.0 -

Esp 119.93 MJ/kg

Parameter Value Unit
g 9.81 m/s2

ηM 0.3 -
hi 11000 m
EL 1800 m

T SFC 4.32 mg/s/N

d CL
CD loi ter

2.0 -

Vcr 230 m/s

(b) Outputs

Parameter Value Unit
OEW 47241 kg
Rlost 410 km
F Fcr 0.0324 -

F Fl oi ter 0.9965 -
MT OW 69493 kg

3.2. Wing-thrust loading diagram
In order to size the wings and engines, a wing-thrust loading diagram can be made [72]. The diagrams are
constructed based on top-level performance limitations and outline the design space of possible wing and
thrust loadings. From there, the design loading was determined at the chosen design point. The following
performance indicators were considered: stall in clean and landing configuration, take-off and landing dis-
tance, cruise thrust, climb rate, climb gradient and the maximal wingspan.

The aircraft has to have favorable stall characteristics bound by maximal stall speed, hence in combination
with a lift coefficient, the maximal wing loading at clean and full-flap (landing) configuration are determined
by (

W

S

)
st al lclean

= 0.5ρ0V 2
sclean

CLmaxclean
(3.7)

and (
W

S

)
st al ll andi ng

=
0.5ρ0V 2

sl andi ng
CLmaxl andi ng

f
(3.8)

respectively, where ρ0 is the sea level air density, Vs is the stall speed, CLmax the maximal lift coefficient and f
the maximal landing-to-take off weight fraction. The stall speeds are not prescribed by regulations, however
for commercial reasons - certain airport prescribe a maximal approach speed for example, appropriate values
need to be considered. For this design, reference values of the Airbus A320 [75] were used.

Next, the minimal take-off thrust limit followed from the take-off distance which was determined from sta-
tistical data based on the required take-off distance for existing aircraft [47]. This is considered to be valid
even for a blended wing body aircraft, as the take-off performance is not expected to significantly vary from
conventional aircraft.The relation is (

T

W

)
T O

=
(W

S

)
(4.7sT O −2872.8)CLT Oσρ

(3.9)

where σρ is the density ratio, which is taken to be 1 at take-off as a sea level altitude is assumed, sT O the
take-off distance, and CLT O is taken to be

CLT O =
CLmaxT O

1.12 (3.10)

meaning that the aircraft should take-off at a CL value smaller than the maximal achievable to account for a
safety margin [72].
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Similarly, the landing distance is taken into account using a statistical relation(
W

S

)
l andi ng

=
CLmaxl andi ng

ρ0sl andi ng

2 f 0.5847
(3.11)

where sl andi ng is the required landing distance [72].

The required cruise thrust is calculated with(
T

W

)
cr

= fcr

T f r accr

(
ρcr

ρ0

)0.75
(

CD0ρcr V 2
cr

2 fcr
W
S

+ 2 fcr
W
S

πAeρcr V 2
cr

)
(3.12)

with T f r ac being the cruise throttle setting, fcr the average weight fraction during cruise, ρcr the cruise-level
air density, A the wing aspect ratio, e the Oswald span efficiency factor, Vcr the cruise speed and CD0 the
zero-lift drag coefficient determined by [60]

CD0 =
πAe

4
(

CL
CD

)2 . (3.13)

Climb rate performance is determined by the required climb rate(
T

W

)
cl i mbr ate

= c(W
S

)0.5
(

2
ρ0CLcl i mbr ate

) +(
CD

CL

)
cl i mbr ate

(3.14)

where c is the climb rate, CLcl i mbr ate and CDcl i mbr ate the optimal coefficients for climb rate are determined
using [72]

CLcl i mbr ate = (3CD0πAe)0.5 (3.15)

and
CDcl i mbr ate = 4CD0 . (3.16)

Additionally, the climb gradient is evaluated at a desired value at full operational condition and prescribed
value at one-engine-inoperative (OEI) condition with(

T

W

)
cl i mbg r adi ent

= c

V
+2

(
CD0

πAe

)0.5

(3.17)

and (
T

W

)
cl i mbg r adi entOE I

= Ne

Ne −1

(( c

V

)
OE I

+2

(
CD0

πAe

)0.5)
(3.18)

respectively, where c
V is the climb gradient and Ne the number of engines.

Finally, there is a lower wing loading limit determined by the maximal wing span of the aircraft(
W

S

)
mi n

= g MT OW A

b2
max

(3.19)

where bmax is the maximal wing span. The wing span of the aircraft determines its airport category. Each
airport is certified for aircraft up to a certain category, so exceeding certain span limits may result in not
being able to fly to certain airports. The Airbus A320 is a Type C aircraft, therefore bmax = 36m is used 1.

The summary of the used parameters is given in Table 3.3.

When all the limit lines are plotted, Figure 3.2 is the result. The lines that turned out to be bounding of design
space are plotted in red, the climb criteria in black and the stall and cruise limits in blue. The design space is
highlighted in green. This leads to two conclusions, which are typical for blended wing bodied aircraft [13]:
1) low wing loading 2) small design space due to the maximal span limitation. The design point is chosen at
the highest wing loading with the lowest corresponding thrust loading.

The loading at the design point is W
S = 2400 N

m2 and T
W = 0.296.

1URL https://www.skybrary.aero/index.php/ICAO_Aerodrome_Reference_Code [cited 27/06/2018].

https://www.skybrary.aero/index.php/ICAO_Aerodrome_Reference_Code
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Table 3.3: Wing and thrust loading sizing parameters

Parameter Value Unit
A 4.5 -
e 0.85 -

Vsclean 170 m/s
Vsl andi ng 120 m/s

CLmaxclean
0.6 -

CLmaxl andi ng
1.3 -

CLmaxT O
1.1 -

f 0.98 -
Ne 2 -

Parameter Value Unit
fcr 0.99 -
ρ0 1.225 kg /m3

ρcr 0.3636 kg /m3

T f r accr 0.8 -
sT O 2500 m

sl andi ng 1750 m
c 15 m/s
c
V 0.2 -( c

V

)
OE I 0.024 -

Figure 3.2: Wing-thrust loading diagram

3.3. Aircraft geometry
The determination of the aircraft geometry is split up into the determination of the center body subsec-
tion 3.3.1, the sizing of the outer wing subsection 3.3.2 and the landing gear subsection 3.3.3.

3.3.1. Center body

Transport of payload is the elementary function of an aircraft, hence the passenger cabin, cockpit and cargo
compartment need to be designed. The required cabin floor area was calculated using a method from Toren-
beek [65] as

S f loor = 0.6npax (3.20)

where npax is the number of passengers. Consequently, the cabin layout is determined. The shape of the
cabin is assumed to be as the cabin seen in Figure 3.3a. It is favorable to have a narrower, but longer fuselage,
as since the internal structure is fit within an airfoil shape for the outer skin, this leads to a lower fuselage area,
thus leaving more area for the wings, which are more efficient at generating lift. The parameters v1,v2,u1,u2
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and wcp , determine the ratios of the shown lengths, and the geometry is fixed with solving

S f loor = [0.5v1 +u1v1 +0.5u2(v1 + v2)]l0
2 +0.5wcp l0 (3.21)

for l0 with S f loor from Equation 3.20.

(a) Cabin general layout (b) Seating configuration

Figure 3.3: Cabin layout

When the cabin layout is set, the passenger seating configuration is established. A 1-class low-cost configu-
ration is considered to comply with requirement #TL2, see Table 16.3. Additional items to consider are the
emergency exits, toilets and galleys. CS-25 regulations stipulate, that for aircraft seating 140 to 179 passengers
are required to have 2 Type I and 2 Type III emergency exits on each side of the aircraft [21]. Type I emergency
exits require an unobstructed passengerway of at least 91cm, Type III exits can be located next a passenger
seat. The amount of toilets and galleys is not prescribed and therefore is a design choice. Additionally, each
seat shall not be separated from the nearest aisle by more than 2 other seats. The resulting seating compo-
sition together with the exit location is shown in Figure 3.3b. The cabin contains 173 passenger seats and in
the middle section, the seating is composed as 3-6-3. The summary of seating parameters is in Table 3.4.

A cockpit of 2.4x2m for 2 pilots is added in front of the cabin [70]. In order to make more efficient use of the
available space, the cockpit section is lowered by 0.4 m with respect to the cabin. This allows an adequate
cockpit length without enlarging the full fuselage, as well as a smaller window size to meet the required field
of view. In order to roughly estimate the size of the window, the pilots eye is positioned 0.5 m from the
centerline, 1.0m front the cockpit floor and 1.0m from the front of the cockpit. The side view is suggested in
[70] to be +10◦ to -35◦ and the front view +20◦ to -20◦. This will allow sufficient pilot view even in the landing
configuration with an angle of attack 14, see subsection 4.3.4. The rendering of the described field of view
is shown in Figure 3.5 for the left half of the aircraft. The resulting window size is measured in CATIA to be
Swi ndow = 10.72ms for the two windows at both side combined, measured at the intersection of the field of
view and the fuselage skin.

Below the cabin, the cargo compartment is placed. Its dimension are determined such that requirement #40
of fitting 7 LD3-45W, shown in Figure 3.6, containers is met. The outline is shown in Figure A.3. It is located
as front as possible for aircraft stability reasons. In result, the front wall of the cargo compartment is 3.37m
back front the front of the cabin.
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(a) Front view (b) Side view

Figure 3.4: Pilot sketches

Figure 3.5: Render of the pilot view

Figure 3.6: LD3-45W container dimensions 2

After the cabin, cockpit and cargo compartment are determined, an oval pressure cell is formed around it.
Due to the 3D shape of the assembly and limited time available, the assembly is modelled in CATIA, and
the pressure cell geometry is tuned manually using the coordinate system of Figure 3.3b with the cabin floor
located at z=0. An oval is constructed at y-locations, first at the cockpit, second and third at the front and
back of the cabin’s straight section and last at the end of the cabin. The center of each oval is fixed to the

2URL http://goldenwave.vn/ban-tin-chung/kien-thuc-chuyen-nganh/79-container-hang-khong.html [cited
02/07/2018].

http://goldenwave.vn/ban-tin-chung/kien-thuc-chuyen-nganh/79-container-hang-khong.html
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Table 3.4: Seating parameters

Parameter Value Unit
npax 170 -

u1 1.0 -
u2 0.636 -
v1 1.0 -
v2 0.2 -

wcp 2.0 m
pseat 30 in
wseat 21 in
wexi t 0.91 m

Parameter Value Unit
S f loor 114.0 m2

l0 7.56 m
npaxmax 173 -
wai sl e 22.9 in

Type I exits 4 -
Type III exits 4 -

Toilets 2 -

yz-plane and the z-offset and the semi-minor and semi-major axes length are defined. The pressure cell is
then defined by connecting the 4 ovals. The front is defined by a circular nose. The end is connected to the
fuel tank, which is explained in subsection 3.4.2.

The next step is to fit the pressurized section into an airfoil shape, which is one of the key features of a blended
wing body [13]. Similarly as with the cabin, CATIA is used to determine the geometry. The center airfoil is im-
ported and defined at y = 0.5wcp to and y = 0.5v1l0. The two airfoils with cord lenghts l f0 and l f1 respectively,
are linearly connected, the shape is then mirrored around the yz-plane and the inner airfoil is connected be-
tween both sides. Finally, the y- and z-offset together with the scaling is defined such that the center body
fully contains the pressurized cell.

3.3.2. Outer wing

The wing reference area is calculated using the wing loading obtained from the wing-thrust loading diagram
as

Sr e f =
g MT OW

W
S

. (3.22)

For conventional aircraft, this reference area is interpreted as the area of the wing extended to the centerline
of the aircraft. This is an approximation to account for the small, but non-negligible lift generated by the
circular fuselage. [47]. However, for BWB the fuselage provides a significant amount of lift and it also needs
to be included [13] [36] [34]. Using the geometry determined as in subsection 3.3.1, the wing surface area can
be calculated as

Sw = 0.5(Sr e f −S f ) (3.23)

with S f the fuselage area calculated to be

S f = 0.5(l f0 + l f1 )(v1l0 −wcp )+ (wcp l f0 ). (3.24)

The total wing span is
b = (A Sr e f )0.5 (3.25)

and as the wing starts at the end of the cabin, the span of one wing is

bw = 0.5(b − v1l0). (3.26)

The root chord is obtained by

cr = 2
(Sw −Sbl end )

bw (1+λ)
(3.27)

with Sblend the assumed area of the blend and λ the taper ratio of 0.35 as suggested in [65] for minimized
drag at subsonic Mach numbers. From the definition of the taper ratio, the tip cords follows as

ct = crλ (3.28)
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The last parameter that is required to fix the wing planform geometry is the wing sweep. In the first iteration,
it is calculated by [38]

Λ= cos

(
kA

3Mdd
+

((
kA

3Mdd

)2

−
t
c mean

3Mdd

))
(3.29)

where kA is the assumed airfoil technology factor, t
c mean the mean thickness-to-chord ratio of the airfoil and

Mdd the drag divergence Mach number [68]

Mdd = Mcr ui se +0.015 (3.30)

where Mcr ui se is the cruise Mach number. In next iterations, the actual pressure distribution is considered to
obtain the required sweep angle, as explained in subsection 4.2.2.

To determine the longitudinal wing location xwi ng , the effect of in-flight stability and controllability is in-
spected. It has to be guaranteed that the aircraft is statically and dynamically stable at any possible flight
condition and COG location. The static stability together with the tail sizing is explained in section 7.2 and
the dynamic in section 7.3

The wing data used as input as well as the resulting output is presented in Table 3.5. The drawing of the wing
planform is included in Figure A.2.

3.3.3. Landing gear

Finally, considering the ground loading as well as the take-off and landing conditions, the landing gear is
positioned, which is explained in subsection 7.1.1. The location of the landing gear needs to be checked for
compatibility with other components, such that it does not end up at the same location as another compo-
nent, for example the fuel tank, and sufficient storage room is available as the landing gear should be fully
retractable.

Table 3.5: Wing sizing data

(a) Inputs

Parameter Value Unit
Mcr 0.78 -
λ 0.35 -

Sblend 10.55 m2

Mdd 0.795 -
kA 0.95 -

t
c mean 0.0394 -

l f0 33.0 m
l f1 19.5 m

(b) Outputs

Parameter Value Unit
Sr e f 284.05 m2

S f 185.41 m2

Sw 49.32 m2

b 35.75 m
bw 14.09 m
cr 4.07 m
ct 1.42 m
Λ 37.45 ◦

xwi ng 13.25 m

3.4. Propulsion system
The propulsion system of an aircraft serves to provide it with the required moving force. Its top level sizing is
divided into the engine sizing in subsection 3.4.1 and the fuel tank sizing in subsection 3.4.2.

3.4.1. Engine sizing

With the thrust loading obtained from the wing-thrust loading diagram, the required thrust is evaluated at
take-off

TT O = T

W
MT OW g (3.31)

and cruise

Tcr = CD

CL
MT OW g . (3.32)
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The take-off thrust is used to size the open rotor engines. The method is explained in subsection 6.3.1. The
cruise thrust serves to establish the fuel mass flow

ṁ = Tcr T SFC (3.33)

which is then used in the fuel tank insulation sizing to determine as the heat exiting the system. The as-
sociated method is expanded in subsection 6.2.1. Additionally, the mass flow is passed on to the aircraft
performance analysis, see section 8.8, to evaluate the overall flight profile. To simplify the model, the mass
flow is treated as constant in this analysis, in reality it is variable and changes mainly with the altitude. The
validity of the assumption is also discussed in subsection 6.2.1.

3.4.2. Fuel tank sizing

First, the fuel weight for the maximal range is calculated by Equation 3.6 with Equation 3.2 using Rmax instead
of Rmi s . This determines the maximal fuel weight required for a flight

FWmax = 1.05 MT OW (1+F Fmax −F Floi ter ) (3.34)

where F Fmax is the cruise fuel fraction. This number is then passed to the thermodynamical analysis, ex-
plained in subsection 6.2.1, to determine the required fuel tank volume. The fuel tank is located right behind
the passenger cabin, from which it is separated by a flat bulkhead. On the outside, it smoothly extends from
the pressurized shell. The shape is determined by the oval at the end of the cabin and an oval in the aft fuse-
lage section. The two ovals are connected and at the end of the tank, a circular bulkhead is formed. Due to
the interaction with the airfoil outer shape, similarly as for the airfoil shape itself, the geometry is manually
adjusted in CATIA. When a suitable geometry is obtained, the outer dimensions are used to determine the
structural thickness, as explained in section 5.1. Consequently, the insulation thickness is determined, see
section 6.2. The two thicknesses combined form the the wall thickness, which is then offset from the outer
volume to obtain the usable inner volume. If the inner volume is not sufficient, the shape and location of the
second oval is changed and the process iterated. If such iteration does still not yield a satisfactory result, the
fuselage shape is modified for the next iteration. The overview of the input and output data for the propulsion
sizing is shown in Table 3.6.

Table 3.6: Propulsion sizing data

(a) Inputs

Parameter Value Unit
Rmax 6200 km

(b) Outputs

Parameter Value Unit
F Fmax 0.0648 -
FWmax 4731.0 kg

ṁ 0.1473 kg /s
Tto 202023 N
Tcr 34086 N

Vt ank 75.3 m3

3.5. Overall configuration
The render of the centercut of the overall configuration is shown in Figure 3.7. The passenger cabin a cockpit
is shown in blue, the cargo compartment in yellow, the pressurized shell in green and the fuel tank in red. It
can be seen that the fuel tank indeed takes up all the usable place in the back of the aircraft. Additionally,
the vertical offset of the cockpit section is seen. The ceiling of the cockpit is at an angle to allow enough
headroom for the pilots entering the cockpit. Note the small misalignment at the nose and middle of the
aircraft between the pressurized cell and the fuselage’s airfoil. At this stage of the design, they are decided to
be neglected, as they may be solved with not fully following the oval shape of the cell, but locally flattening it
and adequately reinforcing, which in the overall picture would be only a small change.
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Figure 3.7: Render of the aircraft’s configuration

3.6. Class II weight estimation
After the initial iteration, the Class II weight estimation is performed. This is based on the actual geometry of
the aircraft, therefore it provides a more accurate result than the Class I weight estimation. The operational
empty weight is broken down into

OEWI I =W f i xed +Wpr opul si on +W f r ame (3.35)

with W f i xed the weight of the fixed items, Wpr opul si on the propulsion system weight and W f r ame the struc-
tural airframe weight. W f i xed is determined as

W f i xed =W f c +Wel s +Wi ae +Wapi +Wox +W f ur +Wbc +Waux +Wpt (3.36)

where the weights are as follows: W f c is the fligh cotrol system, Wel s the electrical system, Wi ae the instru-
mentation, avionics and electronics, Wapi the air-conditioning, pressurization, anti- and de-icing system,
Wox oxygen system, W f ur the furnishings, Wbc the baggage and cargo handling equipment, Waux the aux-
iliary and Wpt the paint. Each of the mentioned sub-items is calculated by the Torenbeek method for fixed
items in [51]. The calculation of W f r ame is explained in section 5.3 and Wpr opul si on in section 6.2. The de-
scription of the items included in the frame and propulsion weights are included in the respective sections.

Table 3.7: Class II weight estimation data

Parameter Value Unit
W f i xed 14078 kg

Wpr opul si on 15113 kg
W f r ame 27801 kg
OEWI I 56993 kg

The results of the class II weight estimation are shown in Table 3.7. Comparing the class II OEWI I = 56993kg
with the class I estimation OEW = 47241kg , a difference of +20% is seen. As the result of the class II estima-
tion are more accurate than from II, as they are based on more physical principles and the actual dimensions
and configuration of the aircraft, this means that the aircraft is actually under-designed for its weight. For



3.6. Class II weight estimation 21

example, the wings were designed for supporting a smaller weight than they actually would, or the engines
are not powerful enough to provide the aircraft with the desired performance. This shows the iterative nature
of the design process as mentioned in the introduction of the chapter and shown in Figure 3.1, and with such
a large difference, the design should undoubtedly be iterated to achieve a more converging result, at least
within a 5% difference. However, the time constrain together with some of the design tools used not being
fully automated, this was not achieved for this project. Therefore, this should be also bared in mind when
interpreting the results, as it may otherwise lead to falsely optimistic conclusions. For future projects, it is
strongly suggested to perform the design iteration.



4
Aerodynamics

The aerodynamic characteristics of the BWB focused strongly on the sizing of the fuselage and wing. The
chapter begins with the selection of the airfoil in section 4.1. This is followed by an explanation of the 3-D
wing design in section 4.2, this section also presents the results of the analysis on the aerodynamic perfor-
mance of the aircraft. Next, in section 4.3 the high-lift devices design is presented. Finally, verification and
validation methods are explained in section 4.4.

4.1. Airfoil selection
The airfoil selection is one of the key factors that effect aerodynamic performance of a wing or in this case the
entire aircraft. Several airfoil characteristics were considered and are described in this section. The various
airfoils were analyzed using Xfoil, which is software that can be used to perform a 2-D analysis of an airfoil.
In the case of a BWB an airfoil must be chosen for both the center body, which houses the cabin as well as
an airfoil for the outer wing section. The center body airfoil must have a thickness-chord ratio (t/c) that can
achieve the required height for the cabin at a reasonable aircraft length.

4.1.1. Airfoil camber

The camber line has an effect on the lift and pitching moment of the wing. An increase in camber causes an
increase in lift, resulting in an upward shift of the lift curve. However, this also increases the positive pitching
moment, meaning a larger tail is required to provide stability.

4.1.2. Airfoil thickness

There are two primary considerations regarding airfoil thickness:

• Maximum thickness: as the (t/c) of an airfoil increases, an increase in Clmax was noticeable until a
certain point. A thicker airfoil is more likely to stall at the trailing edge as opposed to leading edge stall
seen on thinner airfoils. Furthermore, an increased (t/c) leads to an increased drag due to an increase
in adverse pressure gradients, especially at higher Mach numbers [11].

• Position of maximum (t/c): The position of maximum (t/c) on an airfoil has an effect on position of
peak pressure, thereby altering the lift and drag coefficient. By moving the (t/c) more to the trailing
edge, a reduction in drag is noticeable due to a reduction in the pressure peak, caused by a more aft
location where transition from laminar flow to turbulent flow occurs [11]. Laminar flow has lower drag,
the consequence being that the flow is more prone to separation [11]. A trade-off was made with re-
gards to the position of the (t/c) ratio since a reduction in the pressure peak also means that the pres-
sure difference between the lower and upper surface is smaller and therefore a lower lift coefficient is
obtained.

22
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4.1.3. Airfoil critical pressure coefficient

The critical pressure coefficient is the most negative pressure coefficient of an airfoil and an important com-
ponent in the determination of the critical Mach number of an airfoil. A higher critical Mach number means
that higher velocities can be achieved without shock waves occurring. This is important as these local shock
waves would cause a significant increase in drag which would greatly reduce the aerodynamic efficiency of
the wing.

4.1.4. Summary airfoil selection

This section presents a summary of the different airfoils that were examined as well as show some of the pa-
rameters discussed earlier. The airfoil selection has been split up into two, one airfoil is selected for the center
body of the blended wing body and another airfoil is selected for the outer wing of the aircraft. Different air-
foils were chosen as there are different limitations and options available for this aircraft part.

Center body airfoil selection

Several airfoils have been considered for the center body of the aircraft, these are shown in Table 4.1 and
for each the key parameters are indicated. Other airfoils were considered earlier on but were discarded due
to obvious limitations of the airfoil, for example it was known that the airfoils should have a relatively high
thickness to chord ratio to accommodate the cabin, fuel tanks and cargo compartments. Each airfoil was
analyzed using Xfoil.

Table 4.1: Center body airfoil selection at zero degrees angle of attack

Airfoil name NASA SC-0518 HSNLF-0217 NACA 63-415 NACA 24-020
t/c (%) 17.98 17.00 15.01 20.02

Max. thickness pos. (% chord) 35.35 42.42 34.80 30.0
Max. camber (% chord) 1.47 1.44 2.08 1.73

Max. camber pos. (% chord) 81.82 32.32 55.0 20.8
Cl for α= 0 0.431 0.113 0.345 0.199

Cp,0 -0.958 -0.578 -0.711 -1.029
Cl ,max 1.781 1.451 1.215 1.577

max(Cl /Cd ) 76.85 81.18 104.21 91.28

In Xfoil, all airfoils were run at a Reynolds number of 1,000,000. The Cp,0 was found at an angle of attack
of zero degrees. The results obtained with respect to lift coefficient indicated that the supercritical NASA
SC-0518 has the best lift performance, with a Cl equal to 0.4310. Another important aspect is the minimum
pressure coefficient as this gives an indication of the critical Mach number of the airfoil.

Another critical aspect for the center body airfoil is the thickness of the airfoil as the airfoil must have suf-
ficient height to accommodate the cabin of the aircraft. In this regard the NACA 63-415 airfoil was the least
attractive with a maximum t/c of 15.01%. The HSNLF-0217, a natural laminar flow airfoil, meaning that the
laminar flow region over the airfoil is extended significantly reducing drag.

A less negative pressure coefficient means a higher critical Mach number which was beneficial as the de-
sign cruise speed was chosen to be M = 0.78. In this respect the HSNLF-0217 was the most suitable with a
significantly less negative pressure coefficient than the other airfoils that were considered.

The maximum Cl /Cd for each airfoil was also examined as an indication of the aerodynamic efficiency. De-
spite the 2-D airfoil analysis not including aspects such as induced drag that are very significant it may be
used to compare the different 2-D analyses. In this regard the thinnest airfoil the NACA 63-415 exhibits the
greatest Cl /Cd , however between the thicker airfoils the differences are much smaller and considering that
much of the drag is unaccounted for the differences in reality may be smaller as airfoils such as the natural
laminar flow airfoil may have much lower drag.

Finally, the HSNLF-0217 was chosen as the airfoil for the center body as it has enough thickness to accom-
modate the cabin coupled with the least negative pressure coefficient. In addition the extended laminar flow
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region will lead to a drag reduction for the center body. The only downside is the relatively low lift coefficient
of this airfoil but this is acceptable in part due to the large surface area of the center body which means that
sufficient lift will be provided.

Outer wing airfoil selection

Several airfoils have been considered for the outer wing of the aircraft, these are shown in Table 4.2 and for
each the key parameters are indicated. The parameters were found using the Xfoil software. Note, other air-
foils beside the airfoils shown in Table 4.2 were considered but are not shown for clarity or because they were
eliminated early on due to obvious undesirable properties, such as no camber or very negative minimum
pressure coefficient.

Table 4.2: Outer wing airfoil selection

Airfoil name Eppler-1213 HSNLF-0213 NLF-0414F NACA 63-415 NASA SC(2)-0614
t/c (%) 17.41 13.26 14.17 15.01 13.99

Max. thickness pos. (% chord) 22.2 43.6 46.6 34.80 36.1
Max. camber (% chord) 1.98 1.33 2.39 2.08 2.04

Max. camber pos. (% chord) 34.1 33.7 51.3 55.0 82.0
Cl for α= 0 0.176 0.108 0.312 0.345 0.485

Cp,0 -1.007 -0.457 -0.589 -0.711 -1.009
Cl ,max 1.674 1.423 1.469 1.215 1.677

max (Cl /Cd ) 101.83 95.48 89.67 104.21 78.91

The outer wing airfoils were less restricted than the center body airfoil with respect to height. For this reason
some thinner airfoils were considered. For the outer wing two natural laminar flow airfoils were considered,
namely the HSNLF-0213 and the NLF-0414F. Again these were examined due to the extended laminar flow
region of the airfoil reducing drag. The Eppler-1213 and NASA SC(2)-0614 both turned out to be relatively
inadequate for this aircraft due to their Cp,mi n being such a large negative value. It was also found that despite
having seemingly favorable characteristics the NLF-0414F was designed for relatively low Mach numbers [69],
thus this option was also not chosen.

Ultimately, the thinner natural laminar flow airfoil, the HSNLF-0213 was chosen as the airfoil for the outer
wing. This was due to the suitable Cp,mi n value as well as a sufficient Cl ,max . The pressure graph for the
selected HSNLF-0213 airfoil at is given in Figure 4.1.

4.2. 3-D wing design
Utilizing the selected airfoils and the plan-form determined from preliminary sizing, a model of the BWB was
created in XFLR5. This model was analyzed using XFLR5 as this software allows for the analysis of finite wings.
This analysis is required to examine the aerodynamic performance of the BWB when considering finite wing
effects such as induced drag.

4.2.1. Critical mach number

The critical Mach number (Mcr ) of the wing must be attained such that the aircraft does not encounter shock
waves at cruise speed, which would significantly increase drag. The calculation of the critical Mach number
follows three steps. First, the minimum pressure coefficient at low-speed incompressible flow was attained
using Xfoil. The minimum pressure coefficient (Cp ,0) at an angle of attack of zero at the inviscid condition
for the HSNLF-0213 was found to be -0.5. Next, this value was inputted in the Karman-Tsien compressibility
correction,

Cp = Cp,0√
1−M 2∞+ [M 2∞/(1+

√
1−M 2∞)]Cp0 /2

(4.1)
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Figure 4.1: HSNlF-0213 pressure distribution at α= 0

at a cruise Mach number (M∞) of 0.78 the pressure coefficient was found to be -0.940. Then the critical
pressure coefficient, Cpcr , was determined using

Cpcr =
2

γM 2∞

(
2+ (γ−1)M 2∞

γ+1

) γ
γ−1

−1

 (4.2)

Where γ is the heat capacity ratio and taken to be 1.4 for air, this yielded a critical pressure coefficient of -0.494
at the cruise Mach number. Solving Equation 4.1 and Equation 4.2 simultaneously, a critical Mach number of
0.695 is obtained. The same method is applied to both the body and outer wing, however the process is only
shown for the outer wing.

It should be mentioned that the Xfoil also implements the Karman-Tsien rule as a compressibility correction,
which is of greater accuracy than the Prandtl-Glauert rule as it attempts to account for some nonlinear aspects
of the flow.

4.2.2. Wing sweep

As presented in subsection 4.2.1, the critical Mach number of the wing is below the cruise Mach number,
which is an issue as shock waves would occur. Therefore wing sweep was added in order to increase the
critical Mach number. The required sweep is obtained using [62]

ΛLE = cos−1
( Mcr

Mcrswept

)2
(4.3)

Inputting Mcr = 0.695 and Mcrswept = 0.78 a required leading edge sweep angle of 37.45° was calculated.

4.2.3. Mach drag divergence number

In order to ensure that the aircraft will not encounter shock waves after the critical Mach number is met, the
Mach drag divergence number was checked. The Mach drag divergence number can be obtained using [62]

Mdd = ka

cosΛ
− (t/c)

cos2(Λ)
− CLdes

10cos3(Λ)
= 0.87 (4.4)
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Where kA is the airfoil technology factor taken as 0.95, CLdes the lift coefficient at cruise taken as 0.25. From
this, a Mach drag divergence of 0.87 is obtained.

4.2.4. Wing twist

The use of wing twist is an important aspect in the consideration of stability, especially as sweep has been
used, which causes a greater pitch-up moment. It is desirable for the wing tip to stall after the root stalls such
that the control devices at the tip of the wing are still effective and able to maneuver the aircraft out of a stall.
The use of wing twist has been utilized to delay the tip stall by ensuring that the root of the wing stalls first.
A wing twist of 3.5 degrees is added to the outer wing to increase its effective angle of attack, this is based on
statistics that 3-5 degrees of wing twist is typically provides adequate stall characteristics [47]. The twist is
applied at the root and linearly reduces along the span of the outer wing until the wing tip; where the wing
twist is 0°.

4.2.5. XFLR5 analysis

The analysis of the entire BWB was done in the XFLR5 software package. Firstly the model of the aircraft
based on the preliminary sizing and the chosen airfoils a model had to be created. For the purpose of this
analysis the entire blended wing body including empennage is modeled, for the empennage sizing and airfoil
selection for the tail the reader is referred to subsection 7.2.2. Unfortunately, the software does not allow
accurate modelling of the aft mounted engines thus these are excluded from this analysis. The model that
was used for the analysis is shown in Figure 4.2.

Figure 4.2: Model of the BWB used for the aerodynamic analysis in XFLR5

Aerodynamic efficiency

The aerodynamic efficiency of the BWB is measured using the lift-to-drag ratio, L/D or equivalently CL/CD .
The CL/CD is found over a range of angle of attack from −5° to 11° which is when the XFLR5 methods stop
converging. The CL/CD plotted against angle of attack, α is shown in Figure 4.3.

From Figure 4.3 it can be observed that the greatest aerodynamic efficiency is 21.5 which is achieved at an
angle of attack of 3°. Aerodynamically, flying at this angle of attack during cruise would be optimal. It can
be observed that the aerodynamic efficiency decreases fairly rapidly if the angle of attack were reduced from
optimum angle of attack, this is expected as the angle of attack would rapidly become negative. Increasing the
angle of attack beyond 3° it is observed that the CL/CD starts to decline albeit at a much slower rate compared
to when the angle of attack is decreased.
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Figure 4.3: The aerodynamic efficiency of the BWB as the angle of attack varies

Maximum clean lift coefficient

Another important aerodynamic aspect that is of interest is the maximum clean lift coefficient as this will
determine the required ∆CL that must be provided by high lift devices. The CL-α curve is shown in Figure 4.4

Figure 4.4: CL -α of the entire aircraft

Unfortunately, due to the limitations of XFLR5 the solution stops converging past 11.5°. The reason the so-
lution stops converging is because the interpolation of the viscous drag from the 2-D approximation has
reached its limit and can no longer be estimated [19]. However, it is known that other aircraft, such as the
Boeing 737, typically have a critical angle of attack of around 15° 1. For this stage in the design a similar
critical angle of attack was assumed, giving an estimated CL,max,clean = 0.65. In addition to statistical data
the Cl ,max obtained from the airfoil analysis yields occurs at an angle of attack of 20.5° for the HSNLF-0213
airfoil. This can be used an as indication that greater angles of attack can possibly be achieved beyond the
found 11.5°. Further analysis, likely utilizing a CFD analysis, will be required to accurately determine the CL

of the aircraft at higher angles of attack.

1URL http://airfoiltools.com/airfoil/details?airfoil=b737a-il [cited 25/06/2018].

http://airfoiltools.com/airfoil/details?airfoil=b737a-il
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Drag bucket

The drag bucket refers the a region in the CL vs. CD plot where the lowest drag is experienced for a certain CL

range. The CL vs. CD plot for the aircraft is shown in Figure 4.5

Figure 4.5: CL vs. CD of the entire aircraft

As can be seen in Figure 4.5 CD is minimized when CL is just below 0.1, the CD is approximately 0.008. There
is no clear drag bucket visible for the entire aircraft for which the drag is significantly lower.

4.3. High-lift devices
During various stages of flight a range of different lift is required. In order to satisfy the lift required at take off
and landing condition whilst maintaining a reasonable drag at cruise, the implementation of high lift devices
are required.

Table 4.3: Lift coefficient during various flight phases

CLmax clean configuration 0.65
CLmax at take-off 1.1
CLmax at landing 1.3

It is observed that the critical condition, which is when the maximum lift is needed, occurs in landing condi-
tion. Therefore an increase in the lift coefficient of 0.65 (∆CL) must be achieved through the use of high lift
devices.

The sizing of flaps was determined by several key parameters. For the design, it was first assumed that a
double slotted Fowler flap system would be used at the trailing edge with a take-off deflection angle of 20
degrees and a landing deflection angle of 50 degrees [61].

4.3.1. Chord ratio

An overview of various airfoil dimensions are given in Figure 4.6 to supplement understanding of this section.
c is the airfoil chord with retracted flaps, c ′ is the airfoil chord with deployed flaps, c f is the flap chord, ∆c is
the difference between c’ and c, and δ f is the angle of flap deployment, with anti-clockwise positive.

The first step is to find the chord ratio; c ′
c . This value is obtained through utilizing the relationship between

the deflection angle of the flap and the ratio ∆c
c f

. From Figure 4.7 line IIb, using 20 degrees and 50 degrees



4.3. High-lift devices 29

Figure 4.6: High-lift device dimensions [61]

flap deflection, values of 0.58 and 0.85 were obtained respectively for ∆c
c f

. To obtain ∆c, a flap chord length

needed to be estimated. For take-off and landing configuration cases the flap chord is taken to be at 0.33 of
the chord, such that the flap is attached to the rear spar and 7% of the chord is left to control systems between
the nested flap and the rear spar [61]. The ∆c is then obtained to be 0.191 and 0.281 for take-off and landing
condition respectively. This results in a c ′ of 1.191 for take off and 1.281 for landing.

Figure 4.7: Flap deflection against ∆c
C f

[61]

4.3.2. Flap reference wing area

The reference wing area (S) is required to obtain a planform of the wing. The reference flap area will be based
on the landing condition as the landing condition requires the greatest increase in lift. The reference flap area
(Sw f ) was found by rearranging

∆CLmax = 0.9 ·∆Clmax ·
Sw f

S
·cos(Λhi ng el i ne ) (4.5)

From Table 4.3 the required values of∆CLmax are 0.45 for take-off and 0.65 for landing. The hinge line is taken
to be 30.5° from the wing planform. ∆Clmax is calculated from

∆Clmax = 1.6
c ′

c
(4.6)

Using the chord ratio found in subsection 4.3.1 Clmax was found to be 1.906 for take-off and 2.049 for landing

[61]. Using these values and rearranging the Equation 4.5, the area ratio;
Sw f

S was calculated to be 0.338 for
take off and 0.441 for landing. Next, the outer wing area can be found using

S = (cr + ct )h (4.7)
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The outer wing area (S) was found to be 75.2m2. Since the landing configuration is the critical case, only the
landing configuration will be considered further. This results in total flap area (Sw f ) of 33.1m2, thus 16.6m2

per wing.

4.3.3. Flap span

The flap span needs to be determined in order to ensure there is no conflict with other wing objects. The flap
area has already been obtained and can be used to determine the span of the flaps through the use of

A f l ap = x f l ap ∗
(c1 + c2

2

)
= 16.6m2 (4.8)

Where A f l ap is the flap reference area of one wing, x f l ap is the spanwise distance of c2 from c1, c1 is the chord
length at 0.5m from the root chord, this the point at which the flaps will start, and is equal to 3.88m based
on the wing planform. Finally, c2 is the chord length at the end of the flap nearer to the tip of of the wing.
Through the use of the geometric relationship

c2 = c1 +x f l ap tan(ΛT E )−x tan(ΛLE ) (4.9)

the equations can be solved simultaneously to determine the flap span and the chord at the outer edge of
the flaps. From the wing geometry, the leading edge sweep angle (ΛT E ) is known to be 29.7°, and the trailing
edge sweep angle (ΛLE ) is 37°. Solving Equation 4.8 and Equation 4.9 simultaneously, and taking the positive
value, c2 is found to be 3.00 m and x f l ap is found to be 4.83m.

4.3.4. Shifting of the lift curve

The addition of high lift devices is to increase the lift coefficient such that the required lift during landing and
take-off can be reached without the need for an oversized wing.

A value of −15° is taken for the shift in the zero lift airfoil angle of attack (∆α0Lai r f oi l ) for landing config-
uration and −10° degrees for take off configuration [61]. Plugging the remaining values as obtained from
subsection 4.3.2, the change in the zero lift angle of attack of the aircraft (∆α0L) is found as −5.7° using Equa-
tion 4.10. As a double slotted Fowler flap also does increase the wing surface area, a correction must be made
to the lift slope of the flap. The lift curve slope in clean configuration (CLα−clean) is 0.0463 and thus with flaps
deployed is obtained using Equation 4.11 and found to equal 0.0521.

∆α0L = (∆α0L)ai r f oi l
Sw f

S
cosΛhi ng el i ne (4.10)

CLα f l apped =
(
1+ Sw f

S

(
c ′

c
−1

))
CLα−clean (4.11)

Plotting the lift curve in the flapped configuration as the orange line on Figure 4.8, it can be seen that a max
lift coefficient of 1.3 will be attained at 17.5° angle of attack. This angle of attack is too high, therefore the
flaps reference area must be increased to meet a target angle of attack of 14° at the maximum lift coefficient.
14° value is relatively high but still falls in the range of take off angles for conventional transport aircraft [61].
To reach angle of attack, a leftward shift of the lift curve of approximately 3° is required, accounting for the

change in lift slope too. Referring back to Equation 4.10 and Equation 4.11, the
Sw f

S required to achieve a
∆α0L of -8.7 is 0.673, resulting in a flapped lift curve slope of 0.0551. The flap reference area is recalculated to
be 25.3, c2 is 2.4m and x f l ap is 8.05. The new lift curve is plotted as the greyline.

During the redesign phase, the implementation of slats was considered. However, given the limited space at
the leading edge of the wing due to the front spar’s presence at 10% chord, and the effect of slats to provide
a delayed stall but limited lowering of required angle of attack it was determined to not implement them.
Related to this second point, while the slats will allow for a delay in stall, the angle of attack needed to reach
the CLmax of 1.3 will largely remain the same, which will likely provide a problem with scrape back angle as
will be discussed in section 7.1
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A summary of the flap sizing is given in Table 4.4 and a wing planform with the flap positioning is given in
Appendix A.

Figure 4.8: CL −α curve in clean and flapped configuration

Table 4.4: Summary of flap sizing

Double Slotted Fowler Flap Value
c ′
c [-] 1.281

Sw f

S [-] 0.673
b f l ap [m] 8.05

Reach on outer wing [-] 0.04 to 0.58

4.3.5. Flap deployment mechanism

Due to the need of flaps only during certain stages of flight, deployment mechanism and actuators need to be
in place such that the flap can be deployed and retracted. Two flap deployment mechanisms were considered;
the rolling track mechanism and the four bar mechanism.

Rolling Track Mechanism

The rolling track mechanism was developed by Martin F. Stephenson. For this mechanism, an actuator
pushes the flaps aft along a set of tracks by rollers as shown in Figure 4.9. The advantage of this system is
the high accuracy in flap positioning and the light weight of the mechanism [57]. The disadvantages of this
system is the large mechanism, the fact that the flaps cannot be folded away, and the rotating parts being
susceptible to jamming at high speeds [57].

Four-Bar Mechanism

The four bar mechanism is a common flap deployment mechanism used as shown in Figure 4.10. The work-
ing principle of this mechanism is that the rotation of a single link near the rear spar causes a chain reaction
that sets all following links in motion, thereby leading to the deployment of the flap. The advantage of the
four-bar mechanism over the rolling track mechanism is the greater compactness in storage due to systems
foldability. Therefore, a low drag can be realized as the fairing for the high lift devices can be relatively small.
The main disadvantage of this mechanism is the increased complexity, which leads to greater maintenance.

Upon comparison of the two high lift devices, it was determined that the four-bar mechanism would be used
due to requiring less room in the wing and a smaller fairing.
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Figure 4.9: Rolling track flap mechanism [63]

Figure 4.10: Four bar flap mechanism2

4.4. Verification and Validation
This section describes the verification and validation of the results obtained in the aerodynamic analysis. The
aim is to present insight into the reliability and accuracy of the methods utilized in the aerodynamic analysis.

4.4.1. Verification

The primary means used to perform the aerodynamic analysis are the two software applications that have
been used namely; Xfoil and XFLR5. The primary means of verification has been to examine the various
outputs of the program and check whether or not they follow the expected trend. For example, the out-
putted Cl −α plots followed the expected trend of having a positive slope for relatively small angles of attack.
Similar checks were performed for the Cd −α, Cl /Cd −α and Cl −Cd plots and all followed the expected
trend. Although this is only a rudimentary verification method it does give insight that the program appears
to be working in accordance with expectations. Further, verification is difficult as there is insufficient time to
closely examine the intricacies of XLFR5 or Xfoil.

4.4.2. Validation

For validation of the HSNLF-0213, results obtained from XFLR5 were compared to those as obtained by NASA
in wind tunnel testing. The data as obtained from NASA was classified into 3 sections, namely 2-D low speed

2URL https://www.youtube.com/watch?v=kKDMjc3l_gw [cited 26/06/2018.

https://www.youtube.com/watch?v=kKDMjc3l_gw
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performance, 2-D high speed performance, and 3-D test including the use of high lift devices[59].

For validation of the 2-D aerodynamic analysis of the HSNLF-0213, the Cl vs. Cd plot as obtained from the
XFLR5 analysis was compared to that experimentally obtained wind tunnel testing from NASA. An overlay of
the results from NASA and XFLR5 is shown in Figure 4.11. It should be noted that fewer points are present
for the NASA data, and linear interpolation between points was completed as originally found in the NASA
results.

Figure 4.11: NASA wind tunnel results and XFLR5 data for the NLF-2013 at Reynolds number 9x106

[59]

Comparing the NASA data with the XFLR5 data, it can be seen that the general trend of the XFLR5 results
strongly resembles that as obtained from the NASA wind tunnel. The lowest Cd of both results occur at a
similar Cl of approximately 0.15 for both the wind tunnel and XFLR5 model. One discrepancy that is ob-
served is that in general, the XFLR5 model tends to underestimate drag, with the lowest Cd ≈ 0.003 in XFLR5
against Cd ≈ 0.004 as seen in the wind tunnel data. This was expected when using XFLR5 as according to
its documentation XFLR5 tends to underestimate drag which would help explain the discrepancy [18]. It is
also noticeable that at higher Cl values, a greater divergence between Cd values is observed. As an increase
in Cl can be modelled as a function of angle of attack with a higher Cl value representing a higher angle of
attack value, it can be expected that greater flow separation occurs at higher Cl . Due to difficulty in analyzing
separation, it is expected that there is a decrease in the accuracy of XFLR5 at higher Cl . Nonetheless, at a Cl of
1, the difference is still within 15%, which is within a reasonable range. In addition, no significant amount of
aerodynamic analysis was performed in XFLR5 at very high angles of attack, and therefore does not hamper
the performed aerodynamic analysis in this report. For this reason, it can be said that the 2-D airfoil data as
obtained from XFLR5 is verified. As the center body airfoil; the HSNLF-0217 was adapted from the HSNLF-
0213, there is currently no available wind tunnel test data to evaluate the XFLR5 results obtained for this
airfoil. However, due to similar characteristics between the HSNLF-0217 and HSNLF-0213, it is reasonable to
assume that similar validation results will be obtained.

Validating the results obtained in the 3-D analysis is of greater difficult as this can only be done by comparing
the XFLR5 results to experimental wind tunnel tests or full scale aerodynamic test performed during flight
tests. This is reserved for a much later stage in the development of the aircraft once the entire design has been
determined. However, in the next phase of the design the aerodynamic performance will also be analyzed
using CFD. This should hopefully provide a better indication of the accuracy of XFLR5.

Despite being unable to perform complete validation of the 3-D aircraft certain aspects of the results can be
examined. Firstly, similar to the 2-D analysis, XFLR5 will tend to underestimate the drag when performing the
3-D analysis. One of the reasons this could be the case is due to XFLR5 interpolating the viscous drag from the
2-D airfoil analysis, which may lead to an optimistic estimation of the viscous drag [18]. Additionally, XFLR5
is unable to model wing-fuselage interaction, which again may be a cause for an underestimation of drag.
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Structures

The structure of the aircraft needs to be able to carry all the loads on the aircraft. For this report the cabin
and wing box structure were designed and analyzed, since these are the main carrying structures. The cabin
structure design is explained in section 5.1. In section 5.2 the wing box design is presented.

5.1. Cabin
To optimize the cabin shape to fit the center body airfoil shape as presented in Chapter 4, it was chosen to
shape the cabin cross section as an oval.

5.1.1. Pressurization method

First, the cabin skin was analyzed for pressurization, and a skin thickness calculated based on the stresses
found in the analysis.

Due to the limited resources and time available for the preliminary design phase, assumptions were made to
simplify the structure. The assumptions made are:

• The stresses are only tangential in the skin, so no shear stresses in the cabin skin.

• The ellipse is symmetric in the horizontal and vertical plane, therefore the stresses will also be symmet-
ric in those planes.

Hoop stress

When an oval shape is pressurized, contrary to a cylindrical shaped cabin, σhoop (hoop stress) will not be
constant over the cross section. Therefore, the thickness of the skin will be designed to vary. The hoop stress
can be determined using [9]

Fp =σhoop tski n(θ) =∆P
∫ π

2

0
si n(φ(θ))Rel l i pse (θ)dθ (5.1)

Where FP is the tangential force in the skin due to the internal pressure, tski n(θ) the skin thickness, φ(θ) the
angle between the horizontal axis and the perpendicular with the skin, Rel l i pse (θ) the ellipse radius and θ the
ellipse angle as can be seen in Figure 5.1. In this figure σhoop,h is the horizontal hoop stress and σhoop,v is the
vertical hoop stress.

The expression to determine the ellipse shape is

h2

b2 x2 + y2 = h2 (5.2)

34



5.1. Cabin 35

Figure 5.1: Equilibrium between pressure in ellipse and σhoop [9].

Where b is the semi-major axis and h is the semi-minor axis as can be seen in Figure 5.2. By implicitly differ-
entiating Equation 5.2

d y

d x
=−h2

b2

x

y
(5.3)

is found. This expression can be used to determine the relation between φ and θ by converting Equation 5.3
to polar coordinates and taking the arctangent of this expression, which yields

φ= ar ct an(
b2

h2

si n(θ)

cos(θ)
(5.4)

Figure 5.2: Ellipse dimensions

Converting Equation 5.2 to polar coordinates yields

Rel l i pse (θ) = h√
h2

b2 cos2(θ)+ si n2(θ)
(5.5)

This way the radius of the ellipse is expressed in terms of the angle θ. The final expression to determine the
thickness over the cabin skin for constant σhoop is

tski n(θ) = ∆P

σ

∫ π
2

0
si n(ar ct an(

b2

h2

si n(θ)

cos(θ)
))

h√
h2

b2 cos2 + si n2
dθ (5.6)

This is integral is difficult and time consuming to evaluate analytically, therefore it is analyzed numerically.
The ellipse will only be analyzed from θ = 0 to θ = π

2 , since arctan can only be evaluated between these
points. So, to get the thickness for the full ellipse the thickness of the first quarter ellipse will be mirrored in
the horizontal and vertical plane.
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Longitudinal stress

Besides σhoop , σl ong (longitudinal stress) will also be analyzed. This is done using longitudinal equilibrium
as is displayed in Figure 5.3. The area of the ellipse is

Ael l i pse =πbh (5.7)

and the area of the skin cross section is1

Aski n ≈π(b +h)(1+ 3a

10+p
4−3a

)tski n (5.8)

where

a = (b −h)2

(b +h)2 (5.9)

Figure 5.3: Equilibrium between longitudinal stress and pressure [9]

Using Equation 5.7 and Equation 5.8 the equilibrium is

Fl ong = Aski nσl ong =∆PAel l i pse = Fp (5.10)

The longitudinal stress expression is

σlong =∆P
Ael l i pse

Aski n
(5.11)

The skin thickness was first sized for the hoop stress using the method from subsection 5.1.1. Following this
a sizing was done for the longitudinal stresses present, sing the method described in Equation 5.1.1, yet the
thickness required for this was much lower and thus this was not the determining factor in the skin thickness
sizing.

5.1.2. Materials selection

The materials are selected by analyzing the different material stresses and densities, then reiterating this into
the stress analyses described in subsection 5.1.1.

The fatigue stress of the material was first looked at as a limit stress, yet the fatigue stress is measured with a
cycle mean stress of zero. The cabin pressure cycle however, will be varying from zero stress to the maximum
stress achieved in the pressurization, thus the mean stress of the cycle will be half of this maximum stress,
and will equal the amplitude stress of the cycle. Thus the value of stress at which the material will fail must
be adapted from the fatigue stress such that the mean stress and the amplitude stress are equal. Thus, in
order to find where the amplitude and mean stress were equal, a line was drawn between the point where the

1URL https://www.mathsisfun.com/geometry/ellipse-perimeter.html [cited 25 June 2018].

https://www.mathsisfun.com/geometry/ellipse-perimeter.html
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amplitude stress was equal to the fatigue stress (mean stress equals zero), and the point where the amplitude
stress equals zero, or just the ultimate stress of the material. This line was called the failure line as it is the
combination of amplitude and mean stress at which the material will fail after 5e8 cycles, and can be seen in
Figure 5.4, which shows how the limit stress was found for Al2024-t3.

Figure 5.4: Plot showing maximum varying amplitude and mean stress for 5e8 cycles for Al2024-t3, where the dotted lines show the
value where the amplitude and mean stress are equal.

In order to find the point where the mean and amplitude stress are equal, an Sm = Sa line is drawn at 45
degrees from the origin, and the intersection of these two lines taken as the amplitude stress. As seen in
Figure 5.4, the amplitude stress for Al2024-t3 was found to be approximately 110[MPa], thus, if the stress
caused by the cabin pressure is 220[MPa] then the skin would fail after 5e8 cycles. Thus, taking into account a
margin of safety of approximately 1.4, the analysis was performed using a limit stress of 160[MPa] for Al2024-
t3. There is also a large margin of safety taken into account with the number of cycles since the cabin will be
pressurized much less than 5e8 times throughout the total life cycle.

Using this process and finding the limit stress for each material from the fatigue stress, including the safety
factors mentioned, each of the materials shown in Table 5.1 was analyzed. As can be seen in the table, the
titanium alloy allowed for the lightest cabin skin, yet this yielded a skin thickness of approximately 0.35[mm],
which is not able to be manufactured. Also, in [3] it was already established that titanium parts will be too
expensive to manufacture.

The next lightest option was Al7075-t6, yet, looking more at the material properties, it was decided that due to
the low ductility of 7075, cracks may grow too quickly and fail before a proper inspection is performed. Thus
it was decided that Al2024-t3 would be the most optimal material choice for the cabin of the aircraft.

Material σ f at i g uel i mi t [MPa] σul ti mate [MPa] σl i mi t [MPa] ρ [kg /m3] E [GPA] m [kg]
Al2024-T3 140 483 160 2700 72.4 911.9
Al7075-T6 160 570 170 2700 71.7 858.2
Ti2Fe3Al 675 1281 441 4650 113 570

CFRP 85 600 74.4 1600 228 1162.1

Table 5.1: Different material specifics and cabin skin weight.
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5.1.3. Results

By using the semi-major axis and semi-minor axis determined in Chapter 3 as input into the numerical model
of the method described in subsection 5.1.1, the thickness of the cabin skin was determined. This was ob-
tained for all of the varying cross-sections along the length of the fuselage, revealing the results shown in
Figure 5.5.

Figure 5.5: Cabin skin thickness

Table 5.2 contains the percentage weight increase for an oval cross section compared with the circular shaped
cross section. Comparing the results it is found that the weight increases when b

h increases. In Figure 5.6 the
thickness variation for the ellipse and circle are plotted. In this figure it can also be seen that the area covered
by the ellipse plot above the circle plot is larger than the area underneath. Using the density of Al2024-T3 the
weight of the cabin is estimated to be 912 kg.

Table 5.2: Skin thickness at different cross section positions

b[m] h[m] tmi n [mm] tmax [mm] teq [mm] %m [%]
Nose 3.8 2.4 0.41 0.69 0.54 14.0

Center 8.4 4.6 0.76 1.5 1.1 18.6
Rear 6.5 4.2 0.72 1.2 0.92 13.3

5.1.4. Verification

The model is verified by comparing the thickness obtained from Equation 5.6 with the analytic solution for a
circle[9]

tski n = ∆PR

σhoop
(5.12)

The results for different cross sections can be found in Table 5.3. Here it can be seen that the relative difference
between the numerical and analytic result is in all cases only 0.22 %. This small difference is only due to the
discretization of Equation 5.6. Therefore the model can be considered as verified.
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Figure 5.6: Ellipse cross section thickness compared with circle cross section thickness from θ = 0 to θ = π
2 .

Numerical thickness [mm] Analytic thickness [mm] Rel. difference [%]
Nose 0.537 0.538 0.22

Center 1.10 1.11 0.22
Rear 0.929 0.931 0.22

Table 5.3: Skin thickness comparison

5.1.5. Validation

The skin thickness results are validated by comparing the results with data from reference aircraft. For the
B757 the crown skin of the fuselage is 0.89 to 0.94 mm[73]. The fuselage of the B757 is cylindrical, it has a
diameter of 3.76 m2, so the size of the aircraft is similar to that of the nose section of the oval fuselage. As
can be seen in Table 5.2 the skin thicknesses of the nose section is lower than that of the B757. This can be
because in the design of the skin thickness of the B757 the thickness was dominated by something else than
the pressure differential.

5.1.6. Cabin stringers and frames

The loads introduced by the wing, tank, engines, and empenage will be distributed over the stringers using
frames. At the locations of load introduction the frames will be designed stiffer. At the locations in between
less stiff frames will be placed to distribute loading and maintain cabin skin shape when under pressurization.
Unfortunately, due to limited resources a more detailed design of the frames could not be done.

Assumptions

The following assumptions are made for sizing the stringers.

• The stringer shape was not considered, only the Steiner term taken into account in the moment of
inertia.

• Only stresses due to moments were considered.

• Moments due to empennage deflections were neglected.

• Thrust forces from the engine neglected.

• Only the loads at the rear of the aircraft were considered for stringer sizing, since the rear is where the
most forces act.

2URL https://janes.ihs.com/Janes/Display/jau_a059-jau_ [cited 23 05 2018].

https://janes.ihs.com/Janes/Display/jau_a059-jau_
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• The cabin rear is analyzed as a cantilever beam at the wing box connection.

• The stringer cross sectional size was assumed constant over the whole cross section and aircraft length.

• The stringer spacing was constant over the cross section.

• No stringers in the floor.

The method

The cabin skin and stringers will both be considered to carry the bending moment introduced by the rear
section of the aircraft. After the cabin ends the stringers will carry the remaining loads. First the area moment
of inertia needs to be determined. For the ellipse the moment of inertia is

Iy y, f us =
π

4
(bh3 − (b − tski n1 )(h − tski n2 )3)+ Aski nd 2

z (5.13)

Where tski n1 is the thickness of the skin at the side tski n2 is the thickness of the skin at the top and dz is the
z distance from the centroid of the ellipse to the centroid of the whole cross section. Since the size of the
stringers will be much smaller than the size of the cabin only the Steiner terms will be taken

Iy y,str =
n∑

i=1
Astr d 2

z,i (5.14)

Where n is the total amount of stringers, Astr is the area of one stringer and dz,i is the z distance from the
centroid of the i’th stringer. The floor is also analyzed to carry loads, therefore the moment of inertia of the
floor will be taken into account

Iy y, f loor =
1

12
b f loor t 3

f loor + A f loor d 2
z, f loor (5.15)

Where b f loor is the width of the floor t f loor is the floor thickness A f loor is the area of the floor and dz, f loor is
the z distance from the centroid of the floor to the centroid of the total cross section.

The cross section symmetric in the z-axis, so y (centroid in the y-direction) is on the z-axis. The cross section
is not symmetric in the y-axis, z can be found as follow

z =
∑

Ai zi

Ai
(5.16)

Where Ai is the area of each section and zi is the z-distance is the z-positions of their respective centroids.
The different moment of inertia can be summed up to get Itot . Using this the stresses due to moments can
be determined using

σ= Mz y

Itot
(5.17)

Where M is the moment and y is the distance from the centroid to the location where the stress is analyzed.
The moments are determined using force and moment equilibrium. First the reaction forces in the section
after the pressurized cabin is determined. Figure 5.7 is the free body diagram of the forces at the rear. When
applying force equilibrium the following expression for reaction force ry is found

ry = Wac

L
xt ai l +Wt ank +Wemp +Weng (5.18)

In this equation, Wac is the weight of the aircraft, L is the length of the aircraft, xt ai l is the length of the tail
section, Wemp is the weight of the empenage and Weng is the weight of the engines. The reaction moment,
Mr , is
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Figure 5.7: Free body diagrams of the rear after cabin section of the aircraft

Figure 5.8: Free body diagrams of the rear cabin section of the aircraft

Mr = Wac

L

x2
t ai l

2
+Wt ank xt ank + (Wemp +Weng )xt ai l (5.19)

Where xt ank is the distance from the cabin rear to the tank. These reactions will be used in the equilibrium of
the cabin section of which the FBD is in Figure 5.8. The reaction force, Ay , is

Ay = Wac

L
x f us + ry (5.20)

Where x f us is the length of the rear part of the cabin. The reaction moment, Mr , is

MA = Mr
Wac

L

x2
f us

2
+ ry x f us (5.21)

The sizing of the stringers will be done by first ’guess’ a stringer area. If the the computed stress is lower
than the allowable stress, the area is reduced. If the computed stress is higher than the allowable the area is
increased.

Results

To size the stringers an initial ’guess’ area of 0.03m2 is taken and a stringer spacing of 0.15 m is used. The
limit stress of 170 MPa and density of 2700 kg /m3 of Al2024-t3 is used as material specifics. For the first
iteration the MTOW from the Class I estimation is used which is Wac = 70.000 ·9.81[N ]. The tank weight is
as determined in section 6.2, which is Wt ank = 4737 · 9.81[N ]. The engine weight will be elaborated on in
section 6.3, the engine weight is Weng = 5632 · 9.81[N ]. The weight of the empenage is determined using a
Class II weight estimation elaborated on in section 5.3. The weight of the empenage is Wemp = 4401 ·9.81[N ].
The size of the stringers as a result of each of these weights can be found in Table 5.4.
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Astr [mm2] nstr mstr,tot [kg]
Stringers 844.4 58 2062.9

Table 5.4: String sizing results

Figure 5.9: Stringer positioning on cross section

Verification

For verification the model was simplified to only one load acting on the end of the fuselage with just one
stringer at the top of the fuselage bearing the entire load. This way the model can easily be calculated ana-
lytically. In Table 5.5 the comparison between the analytical and numerical solution can be seen. It can be
seen that the bending stress in the numerical solution is three times higher than the stress according to the
analytical solution. This is most likely due to a discretization error. The error for z is relatively small. However,
the error increases for the moment of inertia. Especially for the moment of inertia of the stringers the error is
particularly large. As can be seen in Equation 5.14, the moment of inertia of the stringers is quadratically de-
pendent of the position of the centroid. Therefore if the error of z increases quadratically when determining
the moment of inertia using the Steiner terms. Therefore, this model needs to be improved in the future. This
does not deem our analysis invalid however, because the stresses were overestimated in Equation 5.1.6, and
thus the implementation of this verification should only reduce the thickness and thus also the weight of the
stringers.

z [m] Iy y,ski n [m4] Iy y,str i ng [m4] σ [MPa]
Numerical 4.38 0.0803 0.100 13.8
Analytical 4.56 0.0601 0.000096 3.44

Table 5.5: Bending stress and calculation parameters including Steiner terms.

Validation

Validation was done by comparing the stringer size with the stringers of current aircraft with similar loads.
This was just by comparing the cross-sectional area of the stringers, so the actual stresses which the validating
stringers carry were unknown. The area found for 737 stringer cross-sections was in the order of 10−5[m2],
thus validating the area found in Equation 5.1.6 [32].

5.2. Wing box
In this section, the wing box design process is discussed. Firstly, the model is described to generalize the
problem that is being solved, together with the assumptions made. Following that, the method and its justifi-
cations are explained. After that, the results are given with the layout of the wing box. The results are verified
and validated and subsequently a few thoughts about the results are given.
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5.2.1. Model

The wing box is split in two sections: outer wing box and inner wing box.
The outer wing box is modelled as a cantilever beam with the length of the wing. The cross-section is approx-
imated by a hollow rectangle, visualized in Figure 5.10. The top and bottom skin have the same thicknesses,

Figure 5.10: Wing box visualization in the airfoil. The wing box (blue), rectangular approximation (red).

similarly the two spars do as well. A taper ratio is implemented, thus the cross-section varies with the span of
the wing in width, height and thickness. The dimensions were dictated by the Aerodynamic requirements for
the design: wing box height, width, and length, with considerations for structural feasibility.
A distributed load is acting on the beam in y-direction, simulating a lift force. While at the same time a drag
distributed load is acting in z-direction with the same shape as the lift but lower in magnitude (proportional to
L
D ). Where L’ is the lift distribution, assumed to be perfectly elliptical for ease of calculation. This assumption

Figure 5.11: Free body diagram of the lift and weight forces acting on the wing.

was deemed sufficiently accurate since BWB designs often optimize so as to approximate elliptical distribu-
tions, as is the case with HYDRA [46]. W’ is the weight distribution, calculated using the cross-sectional area
of the wing box, fw is the fuselage width and b’ is the wing box length.
The total distributed load w’:

w ′
y = nl i mns f (L′−W ′)

Where nl i m = 2.5 is the limit load factor and ns f = 1.5 is the structural safety factor.
The same way the drag acts in z-direction with the same distribution as the lift, but lower in magnitude pro-
portionally to the L/D.

w ′
z = nl i mns f L′ D

L

In the FBD, b’ is the wing box length. The magnitude can be determined by the span and sweep: Figure 5.12.

WhereΛ is the sweep angle, b is the aircraft span
Simple trigonometry gives the wing box length:

b′ = b − f w

2si n(π2 −Λ)
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Figure 5.12: Top view of the wing-fuselage connection with sweep angle.

5.2.2. Assumptions

In order to come up with a reasonable design in a limited amount of time, assumptions need to made to
simplify the model or the method. The assumptions made for the design of the wing box are as follows:

• The wing box is modelled as a beam. Therefore beam theory applies.

• Torsional loads are neglected.

• Each wall of the wing box is treated as a thin plate.

• Cross-section is treated as symmetric throughout the design. Therefore only top skin will be looked at
for stringer placement, and the design shall be copied for the bottom skin.

• The inner wing box is assumed to not carry shear loads but only axial loads due to bending. These loads
are the same axial loads as the wing root. Thus the design of the inner wing box is assumed to have the
same thickness, rib and stringer spacing as the root section of the outer wing box.

• L’ is elliptically distributed load.

Material

The material selected for the wing box is Aluminium 2024 T4. The reason for that is mainly due to the as-
sumptions for thin plate buckling theory, where isotropic material properties provide more accurate results
with this method. Since the wing box is loaded in both axial and shear loads. Subsequently, Al 2024 has
predictable behaviour under compression (no lamination such as composites). Additionally, Aluminium is a
very familiar material to the industry, manufacturing methods are already developed for it, cracks are easy to
detect, and its ductility slows crack propagation such that they can be detected far away from failure.
Carbon fibre, for instance, provides very good strength in tension, while Al is good in compression. A com-
bination of both was considered, however the thermal expansion of the two is different and under the tem-
perature ranges expected for the aircraft to operate, will create internal stresses in the structure simply due to
the ambient temperature changing.
Aluminium 2024 T4 parameters relevant to this section are shown in Table 5.6.

Parameter [symbol] Value Units
E-modulus [E] 79 GPa
Yield strength 270 MPa

Table 5.6: Aluminium 2024 T4 properties.
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5.2.3. Method

The method implements the compression buckling of the top skin, bending and shear buckling of the spars.
Firstly the stresses are determined with respect to the length of the beam. Following that, thin plate buckling
is analyzed to establish a combination of thickness and rib and stringer spacing. The combination, which has
the lowest weight is selected, and the calculation is repeated for the next rib spacing step.
The buckling iteration yields thicknesses and stringers, which change the moment of inertia of the cross-
section, thus changing the stresses. Therefore, several iterations are run to establish a convergence point,
where the stresses dependant on the cross-section geometry ensure that the same cross-section does not
buckle.

Stresses

To calculate the internal stresses, the internal shear and moment are calculated. Their diagrams are shown in
Figure 5.13a and 5.13b.

(a) Wing box internal shear. (b) Wing box internal moment

Knowing the cross-section at any span location, the axial stresses and shear flows can be determined.

Axial

The axial loads are a result of the bending moments imposed on the beam due to lift and drag Equation 5.22
and 5.23 respectively.

σax1
= Mz y

Izz
(5.22)

Where σax1
is the axial stress due to bending by the lift, Mz is the internal moment in z-direction, y is the

cross-section distance from the x neutral axis in y-direction and Izz is the area moment of inertia in z direction
around the z neutral axis.

σax2
= Mz y

Iy y
(5.23)

Where σax2
is the axial stress due to bending by the drag, My is the internal moment in y-direction, z is

the cross-section distance from the y neutral axis in z-direction and Iy y is the area moment of inertia in y-
direction around the y neutral axis.

Shear

The shear flow is calculated in a similar fashion as the axial stresses due to bending. Both lift and drag contri-
butions are taken in Equation 5.24 and 5.25 respectively.

q1 =
SyQx

Ixx
(5.24)
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Where q1 is the shear flow due to lift, Sy is the internal shear force, Qx is the first moment of area of the
cross-section around the x neutral axis.

q2 =
SzQy

Iy y
(5.25)

Where q2 is the shear flow due to drag, Sz is the internal shear force, Qy is the first moment of area of the
cross-section around the y neutral axis.

Total stresses

In order to estimate whether or not the structure yields under these combined loads, von Mises yield criterion
is used. The resulting von Mises stress can be seen in Figure 5.14.

Figure 5.14: Von Mises stresses of the wing box model.

Buckling

Now that the total compressive and shear stresses are calculated, the buckling critical stresses of the skin and
spars can be observed. Equation 5.26 is the general buckling equation for thin rectangular plates [43].

σcr = ηK E
( tp l ate

b

)2
(5.26)

Where σcr is the critical stress for buckling, η is the plasticity reduction factor, K is the buckling type coeffi-
cient, E is the E-modulus of the material, t is the plate thickness and b is the plate width. Equation 5.26 is a
general thin plate buckling equation. To represent different buckling modes, the K coefficient changes. For
this reason subscripts are introduced for the K coefficient and the critical stress σc r and the thickness t for
each of the buckling modes. The buckling modes and location that shall be observer are:

• Compression buckling of top skin: σcrc , Kc , tc

• Axial stress due to bending buckling of spars: σcrb , Kb , tb

• Shear buckling of spars: σcrs , Ks , ts

At this stage only elastic buckling is observed, for which the plasticity reduction factor is 1 and is not going to
be present in this analysis anymore. In order to estimate rib location, number of stringers and thicknesses,
the thin plate size needs to be established.
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Compression buckling

In Figure 5.15 clamp condition 5 is chosen. By splitting the top skin in plates with the rib and stringers, b of
the thin plate is the stringer spacing, while a is the rib spacing.

Figure 5.15: Compression buckling coefficient

Bending buckling

This mode of buckling is mainly present in the spars, in this representation b is the spar height at the given lo-
cation and c is half of it, due to the symmetry assumption. The width is governed by rib placement. Clamping
condition 3 is chosen.

Shear buckling

The shear buckling is observed for the spars. In shear, the clamping conditions are slightly different as the
shear loads are the same no matter the plate orientation. Thus the coefficient takes only the long and short
side Figure 5.17. The clamping condition selected is such that the top and bottom of the spar is clamped (top
skin connections) while the sides are clamped (rib present). For the case when the rib spacing is higher than
the height of the spar, this results in clamping condition 2. For the case when the rib spacing is lower than the
height of the spar, clamping condition 3 holds.

Evaluation

In order to come up with the most optimal number of stringers, rib locations and thicknesses, a combination
of all three is ran through a Python script. The code estimates the combinations of stringer spacing, rib
spacing and thickness for which no buckling occurs. For all these combinations the least amount of weight is
taken. When an optimum is found, the script loops for the next rib step.
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Figure 5.16: Bending buckling coefficient

5.2.4. Results

Several iterations were needed for the results to converge. That is because a high stress, requires more
stringers. After adding the required stringers, the stresses are lower than before, so less stringers can pre-
vent buckling. The number of stringers along the length of the wing box can be seen in Figure 5.18a, together
with the thicknesses of the skin and spars with respect to the span Figure 5.18b.

Reiterating this design yields a von Mises stress higher than the yield stress of Aluminum. For this reason an
extra stringer is added to both top and bottom skins of the wing box. The highest von Mises stress in the wing
box with this extra stringer is σ = 269.5MPa where Al 2024T4 yields at 270 MPa. The final rib and stringer
layout can be seen in Figure 5.19.

The rib spacing becomes lower with the span, which is opposite to how existing aircraft are designed. At the
same time, having six stringers distributed along the 2m wide skin panel appears to be low. The model does
not include flanges in the estimation. Should flanges be introduced, the rib spacing will most likely increase,
due to the lower weight alternative for the spars under buckling loads. By increasing the rib spacing, the
required number of stringers for the top skin will increase as well. This requires significant rework of the
model, which is stated in as a future suggestion for improvement in Chapter 17.

After the design process had been frozen, an error was found in the value for yield strength of Al 2024 T4.
The value used during the design process was 270 MPa, while in reality the value is more around the order
of 290 MPa. Additionally, a better for the purposes of the wing box, version of the same alloy- Al 2024 T3 was
observed. It has a yield strength of 310 MPa [2]. Unfortunately, the error was spotted after the design was
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Figure 5.17: Shear buckling coefficient

(a) Number of stringers required along the length of the
wing box.

(b) Thickness of top skin (blue) and spars (orange) along the
length of the wing box.

Figure 5.19: Rib and stringer layout for the wing box structure.
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frozen, and a change would not be so straightforward. Fortunately, however, the yield strength is a driving
factor in the buckling resistance of the wing box skin and spars. Therefore, the current state of the structure
design is over engineered and the safety margin is only larger. This margin reduces the effects on one of the
assumptions where the torsional loads are neglected.

5.2.5. Verification

In order to validate the method, it is needed to make sure the code calculates the correct values. In order to
do that, the critical buckling stress at different key locations is calculated by hand and the result is compared
to the stress at that location.

5.2.6. Validation

The best validation method would be to build the model and destructively test it. Unfortunately, due to
resources and time this is not possible at this stage. Additionally, there is a lack of resources to perform a FEM
test. Another way of validating would also be to observe aircraft with similar wing loading and compare the
rib and stringer spacing of that aircraft with the results obtained. Unfortunately, if is not in the scope of this
project to perform any of these validation methods.

5.3. Class II Weight Estimation of Airframe
A Class II Weight Estimation must be performed in order to estimate with a higher accuracy the component
weights of the aircraft. As stated in section 5.1, the fuselage stringers have been sized and the skin thick-
ness calculated. Also, from section 5.2, the wingbox was sized. These volumes were then be multiplied by
the density of the chosen material, giving a weight for both the pressurized fuselage and wingbox, which is
more accurate than just an estimation. However, for many of the components of the aircraft, time did not
permit for such analyses of the components, and thus weight estimations were performed on the remaining
components. These estimations were taken from Howe[29] and Torenbeek[65].

5.3.1. Existing weights

From subsection 5.1.1, the weights of the skin of the pressurized section, and the stringers along the skin were
calculated. Thus the pressure membrane given by Howe can be replaced by these weights, and added to the
fuselage weight, as seen in Equation 5.3.2.

The outer wing box estimation from Howe can also be partly excluded since the weight of the wing box based
on the geometry and stresses of HYDRA was calculated in section 5.2. This can then be implemented in the
outer wing weight estimation, as seen in subsection 5.3.2.

5.3.2. Weight estimations from Howe

Outer wing

For the outer wing weight estimation, penalties due to the different components present in the wing, based
on Howe’s method, were added to the wing box weight calculated in section 5.2. The total weight penalty due
to the different additional components is

Wow p = 0.02MTOW+K f l aps MTOW+Kspoi l er s MTOW+Kaux MTOW+Kw ti ps MTOW (5.27)

where K f l aps = 0.003 is used since single slotted flaps are being implemented. Kspoi l er s = 0.0015, used for
the spoilers and airbrakes, Kaux =−0.005 since auxiliary surfaces are likely to be made from carbon fibre, and
Kw ti ps = 0.002 as currently winglets are not considered in the design. The penalties are then added to the
wing box weight to calculate the outer wing weight.

Wow =Wwb +Wow p (5.28)
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Inner wing

For the inner wing weight estimation, or the inner wing airfoil cowling around the pressurized section, the
weights are estimated separately to both the outer wing and the pressurized section. Firstly, the value of Di is
calculated using

Di = 1.52

√
N MTOWb3roei sec(φi )sec(γi )

τ̄+1

(
(1− yk )−0.46(1− yk )2.5

)
(1+0.53r̄ )

( cr

τr

)0.25(ρi

Ā

)×10−5 (5.29)

With N the ultimate load factor, b the total span, and ei the ratio of outer wing root chord to the centre line
chord. φi is the inner wing sweep at quarter chord, γi the inner wing box sweep at half chord, and τ̄ the ratio
of kink to centre line values of the thickness to chord ratios. cr is the chord at the centre line, and τr the
thickness to chord ratio of the inner wing. yk is the ratio of the outer wing span to the total wing span, and ρi

the density of the chosen material. r̄ is the ratio of the inner to outer wing relief factors, ri to ro ; where ro , the
outer wing relief factor, is defined as

ro = 1−
(
0.042+0.84Qo(0.1+2R ×10−5)+ 4.55Mv

MTOW

)
yk (5.30)

where Qo is the ratio of the fuel carried in the outer wing to total fuel carried (0 for the case of HYDRA), and R
the design Range in km. ri is defined as

ri = 1−0.12+0.114(1−0.63yk )+2.27(1−0.63yk )(Qo +Qi )(0.1+2R ×10−5)

+4.55
( Mv

MTOW

)
+0.76

( MPAY

MTOW

)(3

2

)
+4.55

( Wmg Y

MTOW

)
(5.31)

where Qi = 1, since all of the fuel is carried in the rear of the inner wing. Mv = 0 since the current design does
not have winglets. MPAY is the mass of the payload carried in the inner wing. cR is taken equal to cki , as the

kink station is assumed to be at the root of the outer wing. Y = 2y
b where y is the distance of the main landing

gear for the centre line.

For the inner wing rib or frame weight estimation, the following is used:

Mri = 4.4Si ei
p

cRτR (1+0.35λi )ρi ×10−3 (5.32)

where Si is the surface area of the inner wing, and λi the taper ratio of the inner wing.

The penalty factors for the inner wing weight estimation are used to estimate the total weight penalty for the
inner wing.

Wi w p = (0.02MTOW−0.005MTOW)(1− yk )+0.001MTOW+0.008MTOW (5.33)

The second coefficient, -0.005, is implemented since auxiliary surfaces will be made of carbon fibre. 0.001 is
used because of the two engines mounted on the rear of the inner wing, and 0.008 for the two main landing
gears mounted under the inner wing.

Thus the total inner wing weight is estimated to be

Wi w = Di +Mri +Wi w p (5.34)
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Cabin nose

Beginning with the components in the pressurized section, those located towards the nose are estimated first
using the following equations.

Firstly, the front pressure bulkhead of the pressurized section is estimated as

WN PS =
(

1.2d1aSps∆Pρ

f̄t

)
×10−3 (5.35)

where d1a is the width of the front of the elliptical pressurized section (where the nose cone is attached).
Sp s is the total surface area of the pressurized section, and ∆P the differential pressure between inside and
outside of the pressurized section. f̄t is defined as:

f̄t = 0.8+0.05(d1a −2) (5.36)

For the leading edge aerodynamic fairing which extends in front of the nose of the pressurized section, the
weight estimation is as follows.

WLE = 0.0025SLEρ (5.37)

Where SLE was assumed equal to Sps , since the difference was considered negligible and truly calculating the
area of the section of the inner airfoil in front of the pressurized section was deemed too time consuming.

The windscreen weight was estimated as

WW S = 0.75SW SVD∆P (5.38)

where SW S was assumed to be 3[m2]. VD is the design dive speed, taken as 1.25 times the cruise speed.

Crew floor is estimated using
WC F = (7+1.2B)SC F (5.39)

where SC F is the area of the cockpit floor, the floor area in the nose cone.

For doors and miscellaneous items:
WN Mi sc = 0.002MTOW (5.40)

Thus, the weight of the nose of the pressurized section is estimated.

WNose =WNC S +WLE +WW S +WC F +WN Mi sc (5.41)

Remaining pressurized cabin

For the remainder of the pressurized cabin, the majority of the weights were calculated based on the actual
stresses which are expected for the aircraft. This was explained in detail in subsection 5.1.1 and subsec-
tion 5.1.6, where the skin and stringer weights were determined. section 5.2 not only calculates the weights
of the outer wing, but also the torsion box through the fuselage needed to withstand the loads coming from
the wing.

That which is missing from this analyses when compared to the weight estimations from Howe is cabin and
freight(cargo) floor weights, and penalties for apertures, such as passenger or cargo doors. The cabin floor is
taken by multiplying the dimensions of the inner cabin by the thickness of typical aircraft floors. The freight
floor is estimated using

W f r f = 2.6(1+0.6B f r f )S f r f ρ ·10−3 (5.42)

where B f r f is the width of the freight floor and S f r f the area.
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The apertures penalty is estimated to be
WAPT = 60S APT (5.43)

where S APT was taken for the 4 type 1 and 4 type 3 doors on the aircraft.

Thus the pressurized section weight is found to be

WPS =Wski n +Wstr +Wtb +Wc f +W f r f +WAPT (5.44)

5.3.3. Weight estimations from Torenbeek

The weight estimation for both the landing gear and empennage is explained in the following section, for
which the Torenbeek method was used [65]. Since Torenbeek’s method is in imperial units, all inputs and
outputs had to be converted, since every other aspect of the design for HYDRA is metric.

Landing gear

The estimation for the main landing gear is

Wmg = Kmg (Amg +Bmg MTOW0.75 +Cmg MTOW+Dmg MTOW1.5 (5.45)

where Amg = 40, Bmg = 0.16, Cmg = 0.019, Dmg = 1.5 ·10−5, and Kmg = 1. All of these coefficients are given in
Torenbeek for low wing passenger aircraft [65].

The nose gear is the same, just with a change in coefficients.

Wng = Kng (Ang +Bng MTOW0.75 +Cng MTOW+Dng MTOW1.5 (5.46)

where Ang = 20, Bng = 0.1, Cng = 0 Dng = 2 ·10−6, and Kng = 1.

Empennage

For the vertical tail, the estimation from Torenbeek is

Wv = Nv Kv Sv

(
3.81S0.2

v VD

1000
√

cos(Λ1/2V )
−0.287

)
(5.47)

where Nv is the number of vertical tails (1), Sv the area, andΛ1/2v the sweep at half chord.

Kv is defined as

Kv = 1+0.15
(Sh ∗hh

Sv ∗bv

)
(5.48)

where Sh is the horizontal tail area, and hh the height of the horizontal tail mount on the vertical tail, which
is assumed to be 0.3[m] from the top. bv is the span of the vertical tail.

For the horizontal tail

Wh = NhKhSh

( 3.81S0.2
h VD

1000
√

cos(Λ1/2h )
−0.287

)
(5.49)

where Nh = 1, Kh = 1 since it is not a variable incidence stabilizer, and Λ1/2h the half chord sweep of the
horizontal tail.

Total airframe weight

Thus, the total airframe weight is then estimated as it is the sum of all the above components.

Wa f =Wow +Wi w +WNose +WPS +Wmg +Wng +Wv +Wh (5.50)
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Table 5.7: Airframe weight estimation calculations

Subsystem weight Component weights Total weight [kg]
Wow Wwb + Wow p 3520
Wi w Di + Mri + Wi w p 3594

WNose WNC S +WLE +WW S +WC F +WN Mi sc 3147
WPS Wski n +Wstr +WAPT +W f r f +Wc f 10397
WLG Wmg +Wng 2743

Wemp Wv +Wh 4401
WAF Wow + Wi w + WNose +WPS +WLG + Wemp 27802



6
Power and Propulsion

This chapter will discuss the Power and Propulsion systems of HYDRA. First the architecture of the Power
and Propulsion is addressed in section 6.1. Followed by tank sizing, and engine sizing in section 6.2 and
section 6.3 respectively.

6.1. Architecture
In this chapter the power and propulsion architecture is discussed. The architecture can be seen in Figure 6.1.
The cryogenic tank has a total of 4 valves, they are used for fuelling and venting and provide fuel to the APU
and open rotors. The fuel is leaving the tank by a pipe close to the bottom of the tank by using pumps and
pressure valves to regulate the mass flow. Venting is done by using the pressure difference between the in-
side and the outside of the tank. The APU is used initially to provide power to all the electrical systems and to
provide power needed to start the engine. Once the engines are running, the APU can be shut down as the en-
gines will provide the power needed during flight. The cold hydrogen fuel is passed though a heat exchanger
at the exhaust of the engine. This is to heat the fuel and improve the efficiency of the cycle [42].

6.2. Tank sizing
In this section the sizing of the hydrogen tanks is discussed. First in subsection 6.2.1 the thermodynamic
model is elaborated on after which the model is verified in subsection 6.2.2. The behaviour of the model in
different possible scenarios and the final tank parameters are shown in subsection 6.2.3.

6.2.1. Thermodynamic model

The thermodynamic model is based on earlier research done on cryogenic storage systems [35]. The model
is based on self pressurization of cryogenic tanks due to heat flow into the tank. The model is obtained by
applying he first law of thermodynamics and conservation of mass. This gives the homogeneous equation for
a pressure change.

dP

d t
= φE

V

{
Q +W +ṁi

[
hi −h −ρ

(
∂h

∂ρ

)
P

]
−ṁo

[
ho −h −ρ

(
∂h

∂ρ

)
P

]
+ρ2

(
∂h

∂ρ

)
P

dV

d t

}
(6.1)

Where the energy derivative φ−E is defined as

φE = 1

ρ
(
∂u
∂P ρ

) (6.2)

For self pressurization of the tank without mass flow in or out of the tank and a constant volume, the equation
can be simplified to the following

55
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Figure 6.1: Power and Propulsion Architecture

(
dP

d t

)
= φE Q

V
(6.3)

In the case of having a mass ṁ leaving the tank the equation takes the following shape

φE

V

[
Qi n −ṁhydr og enh f g (x +ρ∗)

]
(6.4)

where x is the vapor quality of fluid leaving the tank, ρ∗ = ρg /(ρ f −ρg ), h f g the difference in the enthalpy
between the fluid and gas.

The assumptions made by the model are listed below

• The hydrogen is always in liquid-vapor equilibrium

• Uniform temperature in the tank

• Constant volume in the tank

• Hydrogen leaving the tank is fully liquid and has a vapor quality x = 0

• The hydrogen leaving the tank due to venting has a vapor quality x = 1

The thermodynamic model requires the properties of hydrogen for every time step. The properties are col-
lected from the NIST 1 database for a range of pressures and temperatures. This data is incorporated in the
Python code such that the properties can be called when needed.

1URL https://webbook.nist.gov/cgi/cbook.cgi?ID=1333-74-0 [cited 22 June 2018]

https://webbook.nist.gov/cgi/cbook.cgi?ID=1333-74-0
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Figure 6.2 shows the P −v diagram for hydrogen with constant temperature lines. The figure can be split into
multiple domains. The left domain, left of the liquid line, is where hydrogen is in a fully liquid state. The
middle domain, between the liquid and vapor line, is where hydrogen is in liquid-vapor equilibrium. finally
the right domain, right of the vapor line, is where hydrogen is in a fully vapor state. The hydrogen will always
be in the center domain because of the assumptions made with the model. This assumption is seen valid as
in cruise conditions the hydrogen is in a steady state with constant volume, massflow and temperature.

Figure 6.2: P - v diagram

Since the tanks are at cryogenic conditions the heat flow into the tanks should be kept under control. As the
increased energy in the system increases the pressure and therefore an increase in temperature as can be seen
from Figure 6.2. The pressure in the tank should be kept under a certain level in order maintain structural
integrity of the tank. A heat transfer model is created to determine the heatflow in the tanks. The following
assumptions were made in the creation of the heat transfer model:

• On the outside surface of each tanks only natural convection and radiation is present.

• The only form of heat transfer on the inner surface is natural convection and no radiation.

• The geometry is simplified as a box, with rectangular end surfaces and trapezoidal side plates.

• Heat transfer through pipes and tank connections are neglected.

• Assume outside temperature to be be at ambient temperature.

• Only conduction through the insulation.

In order to reduce the heat flow in the tank, insulation is applied. Figure 6.3 shows the different layers on the
tank. The inner layer is an aluminium tank liner, the aluminium alloy is AA2219. This properties of this alloy
are beneficial at the cryogenic temperatures. Furthermore due to the small size of the hydrogen molecules,
the hydrogen tends to escape from the pressure vessel, but aluminium in general performs well at containing
hydrogen molecules [74]. After the aluminium inner liner the insulation begins. The first layer of insulation
is a foam layer and is the most effective layer in the insulation. After the foam layer a layer of MAAMF is
applied this is a layer consisting out of Mylar-Aluminiumfoil-Aluminiumfoil-Mylar-Fiber. This provides the
vapor barrier and keeps hydrogen from escaping further. The different layers of the MAAMF are shown in
Figure 6.3, the fiber is Dacron fiber. Then another layer of foam is applied which is still effective but less
effective than the first layer of foam. After the second layer of foam a second layer of MAAMF is applied.
Which is then covered with a glass fiber fairing. This configuration was based on the configuration described
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in [74]. The thickness of the aluminium inner liner and the fairing, it was assumed that these two layers are
load carrying. The inner liner as main component and the fiber glass fairing as a secondary structure if the
aluminium might fail. Due to the elliptical shape of the tank, the thickness of the aluminium inner liner and
the glass fiber fairing were determined using the method described in subsection 5.1.1. The thicknesses of
the layers are shown in Table 6.3. In some thermal vessels a vacuum is used to eliminate heat transfer. Due
to the vacuum the only means of heat transfer is radiation, thus conduction and convection are eliminated.
The vacuum was considered, but was deemed structural unfeasible because the inner tank would have been
suspended in the outer layer.

Figure 6.3: The different layers of insulation shown, with a close up on the MAAMF barrier.

The heat transfer model is set up just like an electric circuit where the insulation is equal to the resistance.
Each layer has its own thermal resistance and it depends on the configuration of the insulation or heat transfer
methods present they can be added as resistances in series or parallel. The method for the determination of
the thermal resistances was as follows. After the configuration of the insulation was known the resistance for
each of the layers can be determined. Since the tank is assumed to be a box, the equations for flat plates will
be used in the calculations for the heat flow. The geometry of the tank assumed as a box is shown in Figure 6.4.
All of the formulas describing the heat transfer model were obtained from [31] and [39].

Rcond = L

k · At ank
(6.5)

Equation 6.5 was used for determining the thermal resistance of the flat plates, in which k represents the
thermal conductivity coefficient of the material. In order to optimize the insulation the value of k should be
small. The foam that is used has the lowest value for k of all the materials used and therefore the thickness of
the foam layers will be maximized to provide sufficient insulation. In order to determine the total resistance of
the insulation a summation of each layer should be done, because the layers are placed in series and therefore
can be added simply, which is similar to the electric circuit with resistances in series.

After determining the resistance of the insulation the thermal resistance for the internal natural convection
was next to be determined. Due to the simplifications applied to the geometry the calculations could be
performed with more ease, since for the actual elliptical shape no empirical relations exist.

Rconv = 1

hc · At ank
(6.6)

Equation 6.6 was used to determine the convective resistance. In which A is the area and h is the convective
coefficient. In order to determine the convective coefficient, which is a function of the Nusselt number and
the thermal conductivity coefficient k of the fluid.

hc = Nu ·k

L
(6.7)
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Figure 6.4: The geometry of tank for the assumed box shaped tank

Equation 6.7 shows the relation used to determine the convective coefficient. For the Nusselt number differ-
ent empirical relations exist for different orientations of the flat plates.

Nu =
(

0.825+ 0.387 ·Ra1/6

(1+ ( 0.492
pr )9/16)8/27

)2

(6.8)

Nu = 0.54 ·Ra1/4Ra < 1 ·107 (6.9)

Nu = 0.15 ·Ra1/3Ra > 1 ·107 (6.10)

Nu = 0.27 ·Ra1/4 (6.11)

Equation 6.8 is used to determine the Nusselt number for a vertical flat plate, in the simplified box design
there are four of these. Equation 6.9 and Equation 6.10 show the equations used for the bottom plates, de-
pendent on the magnitude of the Rayleigh number, Ra, Equation 6.9 or Equation 6.10 is used. Equation 6.11
was used for the Nusselt number for the horizontal top plate in the box.

From the previous equations it is seen that the Nusselt number is a function of the Rayleigh number and
the Prandtl number as is the case in Equation 6.8. In order to determine the Rayleigh number the following
equation is used:

Ra =Gr ·Pr = g ·β · (Tsur −T∞) ·L3

µ2 ·Pr (6.12)

In Equation 6.12 it can be seen that the Rayleigh number is a function of the Prandtl and the Grashof number.
The grashof number is given by the folowing equation.

Gr = g ·β · (Tsur −T∞) ·L3

µ2 (6.13)

In Equation 6.13 it can be seen that it is the left hand part in Equation 6.12 before the multiplication with the
Prandtl number. Furthermore the β in the equation is one over the average temperature of the wall and the
fluid and is given by:

β= 1
Tsur +T∞

2

(6.14)



6.2. Tank sizing 60

The Prandtl number is given by:

Pr = cp ·µ
k

(6.15)

Equation 6.15 shows that the Prandtl number is the ratio of the cp and viscosity over the thermal conductivity
of the fluid. For the internal convection the properties were taken from the NIST properties.

For the external surface both radiation and natural convection were considered as means of heat transfer.
The same equations as described in Equation 6.6 until Equation 6.15 were used for the external convection.
Only the properties of air were used for the calculations 2.

Next to convection, radiation is the other form of heat transfer on the external part of each tank. To determine
the thermal resistance for the radiation, an coating was selected to reduce the effect of the radiation. The
radiation coefficient is given by the following formula:

hr = ε ·σ · (Tsur +T∞) · (T 2
sur +T 2

∞) (6.16)

In Equation 6.16 ε represents the emissivity of the material that is used as coating. σ represents the Stefan -
Boltzmann constant. To go from the radiation coefficient to the thermal resistance Equation 6.17 is used to
determine the resistance.

Rextr ad = 1

hr · At ank
(6.17)

After knowing all the different resistances they need to be added to get the total thermal resistance of the
system. For the internal convection and the conduction is simple addition because no parallel factors are
present. For the external part where both natural convection and radiation occurs the total resistance for the
external part should be calculated first and then the result can be added to the other parts in series.

1

Rexttot

= 1

Rextconv

+ 1

Rextr ad

(6.18)

Equation 6.18 shows the total external thermal resistance. The same method is used as in the electrical cir-
cuits with parallel resistances.

Rtot =
n∑

i=1
Ri (6.19)

The total thermal resistance is taken by summing all the resistances from each layer as shown inEquation 6.19.
After the total thermal resistance is known the heat flow into the system can be determined.

Q = ∆T

Rtot
(6.20)

The heat flow is determined by Equation 6.20. The temperature difference is the difference between the
temperature of the hydrogen and the temperature of the atmosphere around the tank. In figure Figure 6.5
the temperature of every layer is shown. The colors for every section, are the same colors as in Figure 6.3, to
differentiate between the different layers.

Insulation optimization

When optimizing for constant pressure the following condition holds

Qi n =Qout (6.21)

2URL https://www.engineeringtoolbox.com/dry-air-properties-d_973.html [cited 21 06 2018].

https://www.engineeringtoolbox.com/dry-air-properties-d_973.html
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Figure 6.5: Temperature throughout the tank layers

where Qi n depends on the level of insulation of the tank and can easily be changed by varying the thickness
of the foam layers. Qout depends on the state of the hydrogen and the mass flow out of the tank. This means
that Qout changes depending on Qi n and that calculating the optimum insulation thickness will require many
simulations in order to converge. Because of this, the insulation thickness will be estimated based on the Qout

at the initial step to save time as shown in Equation 6.22. This will give a first order estimate of the thickness
that can then later be optimized manually.

Qoutest i mate = ṁhydr og enh f g
ρV

ρL −ρV
Pmax (6.22)

The first order estimate for insulation thickness required can be calculated by using the heat flow calculation.
This is done by calculating the heat flow entering the tank for different insulation thickness at the initial state
of the hydrogen tanks.

6.2.2. Model verification

Results for the model are presented in [35] and can be used to verify a correct implementation of the model.
The verification is split into multiple parts or units. The first unit is the verification of the hydrogen properties,
second the energy derivative followed the verification of self pressurization of a tank. Finally the heat flow
calculations are validated.

The data provided from NIST is assumed to be valid but the implementation of this data in Python has to
still be verified. This is done using CoolProp,a thermophysical property database. CoolProp offers similar
functionality compared to REFPROP, a software developed by NIST, but is open source and free to use. The
results of both methods can be seen in Table 6.1. The values for both implementations are similar which
verifies the correct implementation of the NIST data.

Table 6.1: Verification of data sets

Own implementation using NIST data CoolProp
T [K ] vL vV hL hV vL vV hL hV

20.28 70.95 1.30 -900 448196 70.95 1.30 -891 448223
25 64.70 3.89 54158 4463355 64.70 3.89 54161 463370
33 38.07 24.65 255732 343343 38.08 24.64 255694 343404

The energy derivative can be verified by results as presented in [35] by using the same parameters. A compar-
ison between the energy derivatives can be seen in Figure 6.6. Both the energy derivatives behave in a similar
manner with less than 2% difference. This verifies a correct implementation of the energy derivative.
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Figure 6.6: Comparison between energy derivatives

The self pressurization can be verified by results as presented in [35] by using the same initial parameters.
The results form the two implementations can be seen in Figure 6.7 It can be seen that results of both im-
plementations are very similar and show a similar behaviour. Some discrepancies can be seen however only
over longer time frames. This can be explained by the propagation of small errors throughout the program.
These small errors can be caused by small differences in the hydrogen properties and energy derivative.

For the heat transfer model the verification of the model was done by checking the surface temperatures of
each layer, by going from the cryogenic section to the ambient section and taking the initial temperature of
the hydrogen or by calculating from the ambient section to the cryogenic section and taking the ambient
temperature as the initial temperatures. Both initial temperatures together form the ∆T used in the calcu-
lation of the heat flow into the tanks. By multiplying the resistance of each layer with the total heat flow of
the system, the temperature difference of each layer can be calculated. This difference should be added with
the initial temperature to form the new initial temperature of the next layers. What should happen is that
the temperature increases until the ambient if going from the hydrogen to the ambient. Then the second
check is by going the other way around. What should happen in that case, is that the temperature decreases
in every layer until it reaches the temperature of the hydrogen when arriving in the hydrogen layer. When
doing this calculation the result does add up, therefore shows that the model works as intended. The same
procedure was taken for verification of the insulation itself since it the only means of heat transfer is caused
by conduction. The results showed the same trend as described for the whole model, therefore showing that
the conduction model works as it was intended to work.
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Figure 6.7: Comparison between self pressurization, V = 52m2

6.2.3. Results

In this section the results of the thermodynamic model are presented. All input parameters are specified
in Table 6.2. With the input parameters the insulation optimization can be used to get an estimate of the
insulation thickness required. This allows for the calculation for the initial tank volume and hydrogen mass
together with the total tank thickness. The final tank parameters are shown in Table 6.3. The actual tank is
shown in Figure 6.8 with the corresponding dimensions. A more detail plot of the behavior of the tank in
cruise in shown in Figure 6.9.

Tankweight
The weight of the tank is estimated using the same method as described in subsection 5.1.6. The tank dimen-
sions from Table 6.2 are used to calculate the thickness of the aluminum inner liner and the outer glass fiber
fairing. Then by using the thickness, area and density, the mass of each layer is calculated. The total mass of
the tank can be found in Table 6.3

Self pressurization
Self pressurization occurs when there is no mass leaving the tanks. Self pressurization happens when the
aircraft is standing on the ground and it is therefore important that the tank can withstand self pressurization
for some period of time. In this scenario the outside temperature from Table 6.2 is changed to 40 degrees
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Table 6.2: Input parameters

Parameter Value Unit
Thydr og en 20.28 K
Tout si de 218.15 K
β f i l l 0.95 [−]
Pmax 4 bar
rvent 0.05 m2

ṁ 0.0147 kg
s

kal 2219 120 W /mK
kg l ass f i ber 0.04 W /mK

kmyl ar 0.155 W /mK
kal f oi l 237 W /mK
kd acr on 0.1368 W /mK
td acr on 0.002 m
tmyl ar 0.0005 m
tal f oi l 0.0005 m

Table 6.3: Final parameters

Parameter Value Unit
V 75.3 m3

mhydr og en 4731 kg
mt ank 4737 kg
t f oam1 0.063 m
t f oam2 0.063 m
tal ul i ner

0.00335 m
tg l ass f i ber 0.003 m

ttot al 0.1405 m

Figure 6.8: The dimensions of the tank

Celsius to emulate a hot airport. The results for a 1 hour period can be seen in Figure 6.10. It can be seen that
the pressure increases to over 1.5 bar in one hour.

Venting
Venting is used to deliberately lower the pressure in the tank and is also used as a safety feature to prevent the
tank from over pressurizing. Venting is triggered by passing a certain pressure level and will stop after a certain
predefined pressure level. The pressure that triggers the venting process should be below the maximum
pressure of the tank. In Figure 6.10, the pressure increases rather rapidly. Figure 6.11 shows the same tank in
the same scenario but now with venting enabled. It can be seen that the pressure increases to the maximum
design pressure within 4 hours at the ground at 40 degrees Celsius.

Heating
Heating can be used to raise the temperature and therefore also the pressure in the tank. This can be usefull
when the pressure inside the tank is lower than the pressure outside. This scenario can occur at the end of
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Figure 6.9: Behavior of tank in cruise

Figure 6.10: Self pressurization

cruise then the aircraft is descending to the ground. In Figure 6.12 a Qi n of 100kW is set. This allows the
tank to increase the pressure from outside cruise pressure to sea level pressure in 15 minutes. The trend is
exponential up until Pcr i t of hydrogen at which the assumption of equilibrium is no longer valid. In practice
this point will not be reached as the tank is design to vent far before this point. The reason that this method is
investigated is because pressurization with use of air is not a possibility as it will mix with the hydrogen and
produce a flammable mixture.

Fuelling
Fuelling a closed tank will increase the pressure and therefore also the temperature. To combat this venting
can be used. This mean that fuelling the tanks will lead to a loss of hydrogen due to venting. Fuelling with
venting can be seen in Figure 6.13.
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Figure 6.11: Venting

Figure 6.12: Heating at Q = 100000W

6.2.4. Model sensitivity analysis

A sensitivity analysis of the tank design is crucial in determining how the model reacts to changes in the
design. The design of the tank is very much dependent of the required fuel mass which in term is dependent
on many other departments, the sensitivity analysis is isolated as much as possible. The tank geometry used
for the analysis is cylindrical. The effects on the entire design will be discussed after the sensitivity analysis.
The isolation of the analysis means that the parameters as shown in Table 6.4 will be used as input. The
parameters subject to the sensitivity analysis are shown in Table 6.5. These parameters have been chosen as
they have the biggest effect on the tank wall thickness and required tank volume.

Table 6.4: Parameters fixed for sensitivity analysis

Parameters Value Unit
mhydr og en 4731 kg

ṁ 0.0147 kg
s

In Figure 6.14 the tanks mass is given as function of the outside temperature. The outside temperature is used
to calculate the insulation thickness and therefore the mass of the tank. The tank mass increases as the higher
outside temperature requires a thicker insulation thickness to keep the hydrogen cool.

In Figure 6.15 the tank mass is given as a function of the maximum inside pressure. A higher Pmax requires a
higher a thicker aluminum inner liner. This causes an increase in tank weight. Advantages of a higher Pmax

is that the starting pressure in the tank can also be higher increasing the density of the hydrogen allowing a
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Figure 6.13: Fuelling with venting

Table 6.5: Parameters subject to analysis

Parameters Range Comment
Tout si de −55C ◦−40C ◦ This range is from the cruise outside temperature and a hot dessert.

Pmax 0.101 - 1.2 MPa Pressures from atmospheric to close to Pcr i t i cal of hydrogen.
l
d 1 - 9 The length over diameter ratio of the tank

slightly smaller tank. Trail and error has shown however that this effect is minimal and that a increase in Pmax

increases tank mass irregardless.

In Figure 6.16 shows the tank mass as a function of the length over diameter ratio. It can be seen that a longer
tank is heavier than a more spherical tank.

From the sensitivity analysis shows the influence on the tank mass when changing the parameters introduced
in Table 6.5. The maximum design pressure has the biggest influence on tank mass and the main argument
for increasing it is the decrease in outer tank volume. This can solve issues when fitting the tank in the aircraft
if space if limited. After maximum tank pressure, the l

d ratio has the biggest impact on tank mass. Finally the
outside temperature which has the least impact on tank mass.

Implications of these results are the following. If the fuselage becomes smaller then there will be less space
for the fuel tank requiring a higher density requiring a higher tank pressure making the tank heavier. If the t

c

if the fuselage decreases then the tank will have to be slimmer increasing the l
d making the tank heavier.

6.3. Engine sizing
Due to the differences of the fuel properties when using hydrogen compared to a fuel on hydrocarbon basis,
the engines and fuel system need to be changed. The changes need to be made in the combustion chamber,
fuel system, and a heat exchanger is needed to vaporize the hydrogen[66]. The turbomachinery itself does
not need adaptations. Also because the design will be propelled by an open rotor the changes and availability
of these engines will also be discussed.

6.3.1. Open rotor

In the midterm phase a propulsion system trade-off was done and resulting from the trade off the open rotor
engine came out on top. Based on the required thrust the engine was sized. The thrust was determined in the
preliminary sizing and was found to be 170kN for take off. The engine was sized based on the design found
in [27]. The design found in the paper was around 120kN for each engine while only 85kN was needed for a
single engine. By scaling the engines the dimensions were computed for the required engines. The following
formulas were used for the sizing of the engine [53].
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Figure 6.14: Tank mass as function of outside temperature

SF =
TT O

2

Tseal evel
(6.23)

Dengouter = Douter · (SF )0.5 (6.24)

Dengi nner = Di nner · (SF )0.5 (6.25)

Leng = L · (SF )0.4 (6.26)

Weng =W · (SF )1.1 (6.27)

In Equation 6.23 the sizing factor is determined. It is based on the ratio between the take off thrust defined
by the preliminary sizing and the thrust at sea level from the design found in[27]. The sizing factor is used to
determine all the further parameters.

Table 6.6: Input data for engine sizing[27].

Parameter Value
Thrust at sealevel [N] 121,436

Outer diameter of the propeller [m] 4.21
Inner diameter of the propeller [m] 1.71

Length of the engine [m] 7.07
Weight of the engine [kg] 4,182

In Table 6.6 the input values for the equations are stated. The result of the calculations are shown in Table 6.7.

Table 6.7: Output data for engine sizing

Parameter Value
Outer diameter of the propeller [m] 3.84
Inner diameter of the propeller [m] 1.56

Length of the engine [m] 6.57
Weight of the engine [kg] 3422
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Figure 6.15: Tank mass as function of maximum tank pressure

The next step in the engine analysis is finding a manufacturer. The status quo is that the aircraft is constructed
by the manufacturer and that the engine is made by an external party. This system will most likely still be
around at the entry into service. Therefore the capabilities of the engine manufacturers should be reviewed.
Recently only Safran has demonstrated an open rotor design. The French manufacturer was backed by airbus
to research an open rotor design. Other large manufacturers such as General Electric, Rolls Royce and Pratt
& Whitney, have recently not shown a working prototype. General Electric and Pratt & Whitney have shown
a working prototype in the past, while Rolls Royce has created concepts. The fact that multiple companies
have had a working open rotor engine in the past, shows that within 12 years it should be possible to have
different options in the open rotor market. This would assume that the engine manufacturers see a potential
market for such an engine.

6.3.2. Combustion chamber

When burning hydrogen the only reaction product is water, but due to the heat of the combustion oxygen
and nitrogen can start to react which forms NOx . NOx is identified as a greenhouse gas and in order to slow
down the process of global warming the emission of NOx should remain under a certain level. In order to
ensure combustion with a reduced figure of NOx production the following measures should be taken.

• Miniaturizing the combustion zone

• Reduce the residence time of the reactants in the combustion zone

• Enhancing the mixing process

For the combustion of hydrogen the enhanced fuel mixture procedures and the miniaturization of the com-
bustion zone can be achieved by micro mixing. This is done by decreasing the size of the fuel injectors and
increasing the number of injectors. The micro injectors cause multiple micro flames instead of a larger flame
that can be found in current combustion chambers. Multiple smaller flames cause the reaction time to be
smaller therefore reducing the combustion zone and the residence time [26].
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Figure 6.16: Tank mass as function of length over diameter ratio

6.3.3. Emissions

During the combustion of the hydrogen, the hydrogen reacts with oxygen to produce water and energy, fol-
lowing

H2 + 1

2
O2 −→ H2O (6.28)

From the combustion reaction it can be seen that only water is produced, but research has shown that NOx

will also form in the combustion of hydrogen. The rate at which this happens is around 4.3 g
kg hydrogen. For

a flight where the fuel tanks will be full and thus 4731kg of fuel will be used. Table 6.8 shows the emissions
produced at max fuel [17]. The effect of the emissions is discussed in Chapter 12.

Table 6.8: Emissions produced in the combustion of hydrogen

Compound Amount [kg]
H2O 42276
NOx 20.3

6.3.4. Fuel systems

The hydrogen is stored in a single tank making balancing between multiple tank not necessary. However the
fuel still has to be transported to the two engines and the APU. Therefore a fuel distribution system should
be developed that can fulfill these needs. Furthermore this system should also distribute the fuel during the
refill phase in operations[66]. The fuel systems should also cope with the cryogenic temperatures of the fuel.
Which does not compromise the other structural parts of the aircraft.

Before the hydrogen can be combusted it needs to be changed into a vapour and heated to improve the
efficiency of the combustion. The solution to this problem is putting a heat exchanger in the exhaust of the
engine[66]. This will use heat, which would normally be wasted, to heat up the hydrogen, therefore increasing
overall thermal efficiency.[42] Similar systems occur in rocket nozzles which are cooled by the fuel, but this is
to cool the engine walls instead of heating the fuel.
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A weight estimation has been done to determine the weight of the fuel system. The Torenbeek method was
used as described in [51].

W f s = 80 · (Ne +N t −1)+15 ·N t 0.5 · W f

k f sp

0.333

(6.29)

The weight of the fuel system is determined by using Equation 6.29. In which Ne equals the number of en-
gines installed, in this case two. N t equals the number of tanks, which is one. The W f is the fuel weight and
k f sp is the density of the fuel. The weight of the fuel system includes all the pipelines and pumps necessary
to pump the fuel around the different tanks. The results for the weight estimation for the fuel system was
249kg . Due to the fact that the system needs insulation on the pipes, and different pump system, an uncon-
ventionality factor of 1.5 is applied resulting into 373.5kg . While a kerosene fuel system with 2 engines and 2
fuel tanks, each in every wing, and the weight of the fuel is scaled according to the specific energies of both
fuels, gives a weight of 267kg .

6.3.5. Auxiliary Power Unit

The task of the Auxiliary Power Unit (APU) is to provide electrical power, pneumatic power and Hydraulic
power when the aircraft is on the ground. The APU is usually an small gas generator in the back of the air-
craft, due to its high power density. The APU further provides power needed on the start up of the main
engines. When one or more engines are running the APU becomes abundant as the engines themselves pro-
vide enough power, to power the systems in the aircraft.

The APU that is found in the Boeing 737 and the A320 is the Honeywell 131-9[58]. This APU provides 447
kW of power and weights 160 kg [28].Since the size of the HYDRA is similar to these aircraft, it is assumed
that a similar system will be installed. The only adaptation to the APU is that it should run on hydrogen.
Since the APU will be a small gas turbine the adaptation to the APU will be the same as the adaptation to the
combustion chamber of the engine itself stated in subsection 6.3.2.

WAPU = 0.004+0.013

2
·Wto (6.30)

A further weight estimation of the power unit has been done with Equation 6.30, which taken from Roskam
[51] using the Torenbeek method. Which includes the weight for all the controls and hydraulics as well. Fur-
thermore the dimensions for the APU were taken from data provided by Honeywell. The width of the APU is
83.3 centimeters and the length of the APU is 132.1 meters[28].

6.3.6. Sloshing

When the aircraft starts to manoeuvre the fuel will flow around in the tanks due to the inertia of the liquid.
This will effect the dynamics of the vehicle, which is unwanted for operations. Usually devices are created to
arrest the movement of the liquid and therefore reducing the negative effect of the fuel movement.

In the current generation of aircraft the fuel is stored in the wingbox. Throughout the wingbox the ribs restrict
the movement of the fuel automatically. In HYDRA the tank is not present in the wings, and therefore special
barriers should be placed in the tank. In trucks that transport fluids certain barriers are also installed, they
are semi walls which restricts most of the fuel movement. With the single elliptical fuel tanks it was therefore
opted to install similar devices as in a liquid transporting truck. Thin walls are installed which reduce the
effects of sloshing as shown in Figure 6.17. Since the walls are thin and usually have openings in them, the
effect on the volume is negligible.
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Figure 6.17: Sloshing Barriers



7
Stability and Control

This chapter deals with the stability and control of the aircraft. First, the balance of the aircraft will be dis-
cussed, followed by the landing gear positioning. Subsequently, sizing for static and dynamic stability is
discussed and results presented.

Two types of stability are discerned: static and dynamic stability. Static stability is the initial tendency of the
aircraft to return to its original position when it is disturbed. Dynamic stability implies that any oscillations to
the aircraft dampen out over time. For both types, an aircraft can be positively, neutrally or negatively stable.
Control implies that the aircraft is sufficiently controllable. This means that the aircraft’s control surfaces are
sufficiently effective in all operational conditions and that the aircraft responds reasonably quickly to control
inputs by the (auto)pilot. Pursuant to CS 25.171, an aircraft must demonstrate (both static and dynamic) lon-
gitudinal, directional and lateral stability, in any condition normally encountered during flight. [21] Pursuant
to CS 25.143, an aircraft must be safely controllable and manoeuvrable during all flight phases. [21]

7.1. Aircraft balance
The design of the landing gear, horizontal tail and wing location depend greatly on the center of gravity of
the aircraft. Where the wings and horizontal tail ensure balance of the aircraft during flight, the landing gear
needs to be positioned such that the aircraft can never tip over during the loading of the aircraft, and such
that the nose gear carries enough loads to ensure nose wheel steering effectiveness.

As the aircraft needs to be stable for all center of gravity ranges, the maximum and minimum center of gravity
locations need to be determined. This is done by means of a loading diagram, which shows the change of
the aircraft center of gravity location as payload, fuel and cargo are loaded onto the aircraft, in any possible
configuration. If the outcome of the loading diagram for a given wing position does not satisfy any stability
and/or other requirements, the wing position can be changed and a new loading diagram generated.

The loading process assumes cargo to be loaded first, followed by passengers and finally fuel. For passengers,
two loading sequences are considered: front-to-back and back-to-front loading. The input parameters for
the loading diagram can be found in table Table 7.1. It bears noting that the cargo weight includes checked
passenger luggage.

Table 7.1: Loading diagram input parameters

Parameter Value Unit

Passenger weight 75 kg
Seat pitch 0.762 m
Number of seats abreast 10 -
Number of rows 17 -
Cargo weight 7250 kg
Fuel weight 4757.28 kg
Boarding sequence Windows - Middle - Aisles -

73
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Figure 7.1: Loading diagram

In this loading diagram, the cg as a percentage of the mean aerodynamic chord is plotted against the mass of
the aircraft as it is loaded. The plot starts at the center of gravity of the aircraft at OEW, and ends at the cg at
MTOW.

The minimum and maximum cg locations from the diagram yield the operational cg range; the range outside
of which the cg of the aircraft will not go for any possible loading. As a safety margin, 2 percent is added
to these minimum and maximum cg positions, to finally yield the cg range used for stability and control
calculations.

Table 7.2: Center of gravity range

Minimum cg position [%MAC] 49.15
Maximum cg position [%MAC] 71.63

7.1.1. Landing gear location

With the cg range known, the landing gear location can be determined. It is important that the landing gear
location is such that:

• Nose wheel steering capacity is adequate.

• The aircraft does not tip back during loading due to very aft cg locations.

• The aircraft does not tip back and cause a tail strike during take-off.

• The aircraft does not tip over sideways during tight turns while on the ground.

• Sufficient tip clearance is ensured during high-bank angles when landing.

For the reasons above, the landing gear location is determined using the aft-most cg location from the cg
range.

Using the equation from Figure 7.2, in combination with the fact that for adequate nose wheel steering ca-
pacity Pn should be equal to or greater than 0.08MT OW [50],

W −0.08MT OW −ns Pm > 0 (7.1)

which yields

0.92MT OW

ns
> Pm (7.2)
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Figure 7.2: Landing gear parameters [50]

Where Pm is the load on the main landing gear, and ns is the number of main landing gear struts, which is
equal to 2. This yields a main landing gear load of 313595 N , and a nose landing gear load of 54538 N .

Then, using the dimension conventions from Figure 7.2,

∑
CCW +

MPn =−ln ·W + (ln + lm) ·Pm = 0 (7.3)

Where ln is equal to 17.29 m (maximum cg distance from the nose) minus 3.8 m (the distance from the nose
of the aircraft to the nose gear). Using MT OW , and Pm as determined above, solving Equation 7.3 yields a
value for lm of 1.5 m.

Figure 7.3: Landing gear angles [50]

To avoid tip-over (and subsequently, tailstrike) during take-off, the tip-back angle should be greater than the
scrape angle (see Figure 7.3). With the scrape angle of the aircraft being 13 degrees, and the tip-back angle
being 27 degrees, the tip-back requirement is satisfied. This scrape angle conflicts with the 14° needed for
landing conditions, and must be resolved upon the next iteration.

Finally, to prevent lateral tip-over [50]:

yMLG > ln + lm√
l 2

n tan2(Ψ)
z2 −1

(7.4)

WithΨ being equal to 55 degrees [50], and z being equal to 3 meters (from initial sizing), yMLG is equal to 2.56
meters.

With x measured from the nose of the aircraft, and y measured in spanwise direction from the centerline of
the aircraft.

7.2. Static Stability

7.2.1. Sizing for stability and control

In most aircraft, longitudinal stability and control are ensured by means of a horizontal tailplane. This also
applied to the HYDRA. This horizontal stabilizer needs to be large enough and far enough from the aerody-
namic center of the wings to ensure stability, as well as controllability. For this, a so called scissor plot is used.
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Table 7.3: Loading diagram input parameters

Parameter Value Unit

xnoseg ear 3.8 m
xmai ng ear 22.6 m
ymai ng ear 2.56 m
Number of main gear struts 2 -
Number of wheels per main gear bogey 2 -
Number of nose gear struts 1 -
Number of wheels per main nose gear bogey 2 -

A scissor plot shows the ratio of the horizontal tail surface area to the wing surface area versus xcg [%M AC ].
For stability, the following equation is used[23]:

x̄cg = x̄ac +
CLαh

CLαA−h

(
1− dε

dα

)
Sh lh

Sc̄

(
Vh

V

)2

−0.05 (7.5)

Where x̄cg is the x location of the cg [%M AC ], x̄np is the x location of the aerodynamic center [%M AC ], dε
dα

is the downwash gradient, Sh lh
Sc̄ is the tail volume coefficient, and Vh

V is the ratio of the air velocity between
the horizontal tail and the wing. Furthermore, CLαh

is the gradient of the lift coefficient of the horizontal tail,
and CLαA−h

is the gradient of the lift coefficient of the aircraft minus the horizontal tail. The 0.05 is added as a
stability margin.

For control, the equation is [24]

x̄cg = x̄ac −
Cmac

CL A−h

+ CLh

CL A−h

Sh lh

Sc̄

(
Vh

V

)2

(7.6)

Where [%M AC ], Cmac is the moment coefficient about the aerodynamic center, CL A−h is the lift coefficient
of the aircraft minus tail, and CLh is the lift coefficient of the horizontal stabilizer. For a derivation of these
equations, the reader is referred to [23] and [24]. The values for the parameters in the stability and control
equations are listed in Table 7.4.

Table 7.4: Stability and control input parameters

Parameter Value Unit Source

x̄ac 39.2 - Aerodynamics department
dε
dα 0.0003869 - Roskam Estimation [49]
Vh
V 1 - Roskam Literature [49]

CLαh
0.01745 1/rad Aerodynamics department

CLαA−h
0.0384 1/rad Aerodynamics department

Cmac -0.013 - Aerodynamics department
CL A−h 1.3 - Aerodynamics department
CLh -0.8 - Roskam estimation [49]
lh 18.08 m Preliminary sizing
c̄ 21.814 m Aerodynamics department

In order to determine the required horizontal stabilizer size for stability and control, Equation 7.5 and Equa-
tion 7.6 need to be rewritten to yield the horizontal tail size coefficient Sh

S .

Sh

S
= 1

CLαh
CLαA−h

(
1− dε

dα

)
lh
c̄

(
Vh
V

)2 x̄cg − x̄ac −0.05
CLαh

CLαA−h

(
1− dε

dα

)
lh
c̄

(
Vh
V

)2 (7.7)
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Sh

S
= 1

CLh
CL A−h

lh
c̄

(
Vh
V

)2 x̄cg +
Cmac

CL A−h
− x̄ac

CLh
CL A−h

lh
c̄

(
Vh
V

)2 (7.8)

Using the inputs from Table 7.4 and Equation 7.7 and Equation 7.8, the scissor plot can be generated. Addi-
tionally, the maximum and minimum operational cg locations are overlaid.

Figure 7.4: Stability and Control plot

As can be clearly seen in Figure 7.4, stability is the limiting factor for the operational cg range. From the plot,
a tail size coefficient of 0.2407, which yields a horizontal stabilizer surface area of 71.32 square meters.

The matching of the cg range to the scissor plot is an iterative process. For a certain wing position, the cg
range is overlaid on the scissor plot and shifted down until either stability or controllability prevents any
further decrease of the horizontal stabilizer size. Then, a new wing position is taken, resulting in a new cg
range, which is then again overlaid onto the scissor plot and shifted down to arrive at the smallest horizontal
stabilizer size. The plots and values in this section are the final result of these iterations.

As long as the tail size coefficient is such that all possible cg locations fit between the stability and control
lines in the scissor plot, the aircraft is statically stable. Clearly, for the HYDRA, this is the case.

7.2.2. Tail Sizing

The tail sizing is following from the static stability determined in subsection 7.2.1. The static stability outputs
the ratio of the horizontal tail surface over the reference wing surface. However, in order to fully size the
aircraft, the aspect ratio Ah , the taper ratio λ and the sweep angle Λ is needed. These inputs are based on
statistics of aircraft and are given in Table 7.5. The table also contains the input for the vertical tail, where
Sv /s is also determined with statistics and equals 0.2. Both the horizontal and vertical tail size can be seen in
Figure 7.5.

Table 7.5: Inputs needed for the sizing of the horizontal tail.

Horizontal tail Vertical tail
A [-] 4 1.1
λ [-] 0.4 0.65
Λ [◦] 30 (at LE) 43 (at 0.25c)

Horizontal tail airfoil selection

An important aspect in designing the empennage is choosing an airfoil for the horizontal and vertical tail.
Typically the airfoils used for vertical and horizontal tails are symmetric to ensure that they exhibit similar
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(a) The dimensions of the horizontal tail. (b) The dimensions of the vertical tail.

Figure 7.5: Dimensions of the empennage.

characteristics at both positive and negative angles of attack. Four symmetric NACA airfoils were examined
for the horizontal tail; NACA0012, NACA0014, NACA0015 and NACA0018.

Airfoil name NACA 0012 NACA 0014 NACA 0015 NACA 0018
Cp,0 -0.6101 -0.4873 -0.5243 -0.6255

Cl ,max 1.601 1.367 1.434 1.198
αcr i t [°] 17.5 16.5 17.0 15.0

Cd0 0.00768 0.00593 0.0067 0.00664

Table 7.6: Airfoils considered for the horizontal tail plane

From Table 7.6 the three key parameters of the airfoils are shown; Cp,mi n which must be sufficiently low to
ensure that flow over the horizontal tail is not supersonic, Cl ,max to ensure that enough force can be created
by the horizontal tail, αcr i t to ensure that the horizontal tail does not stall before the BWB. With regards to
the critical Mach number of the airfoil the NACA 0014 seems the most suitable as this has the least negative
Cp,mi n . Similarly, with respect to minimizing drag NACA 0014 again seems to be the most suitable with the
lowest Cd0 . All airfoils would likely stall after the wing except for the NACA 0018 for which the airfoil stall angle
is only 15° which is close to the stall angle of the wing, for this reason this airfoil is discarded. Ultimately, the
NACA 0014 is chosen for the vertical tail as this should be feasible with respect to critical Mach number and
Cl whilst having the least drag of the 4 examined airfoils.

Vertical tail airfoil selection

The vertical tail airfoil is selected in a similar manner to the horizontal tail, again a symmetric airfoil is desir-
able, as an asymmetric airfoil on the vertical tail would induce an unwanted yawing moment even in straight
and level flight without rudder deflection. The airfoils considered for the vertical tail are thinner in order to
reduce the structural weight of the vertical tail [5]. The three airfoils considered are the NACA 0009, NACA
0010 and the NACA 0012. For the vertical tail the thickness of the airfoil is leading in order to limit the struc-
tural weight of the vertical tail, each of these airfoils are able to achieve the cruise speed of aircraft without
experiencing supersonic flow. Ultimately, the thinnest airfoil, the NACA 0009 was chosen.

Last but not least, the downwash caused by the wing affecting the horizontal tail should not cause the tail
to stall at little angle of attacks. Hence, the stall due to downwash is verified by looking at the full aircraft
configuration, as can be seen in Figure 7.6.
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Figure 7.6: Downwash from the outer wing

7.3. Dynamic Stability

7.3.1. Aileron Design

The aileron design is used for the roll control of the aircraft. The design is based on the roll requirement for
the aircraft depending on the class of the aircraft. Table 7.7 contains the roll requirements, the aircraft falls
under the Class II requirement[4].

Class Bank angle [◦] roll time [s]
I 60 1.3
II 45 1.4
III 30 1.5

IVA 90 1.3
IVB 90 1.0
IVC 90 1.7

Table 7.7: Roll requirements for the different aircraft classes.

In order to design the aircraft the starting input parameters are needed. In Table 7.8 the parameters are given
where bst ar t is the starting spanwise position of the aileron, δmax is the maximum deflection angle and ca/cw

the chord ratio of the aileron over the wing. bst ar t and δmax are determined statically[55], ca/cw is used from
section 5.2 accounting for the space between the rear spar and the trailing edge.

Parameters Value Unit
bst ar t 85 % of bwe -
δmax 20 ◦

ca/cw 0.4 -

Table 7.8: Input parameters for the aileron design.

From the input parameters in Table 7.8 the rolling moment coefficient due to aileron deflection can be com-
puted with the following equation[55],

Clδa
= 2clατ

Sr e f b

∫ b2

b1

c(y)yd y (7.9)

where clα is the lift coefficient of the wing airfoil determined from section 4.1, b is the wing span and c(y) is
the wing chord in function of the span position. Th last parameter τ is the aileron effectiveness which can be
determined with Figure 7.7.
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Figure 7.7: The aileron effectiveness as a function of the aileron to wing chord[55].

The change in the rolling moment due to roll rate is determined by the following equation,

Clp =−4(clα + cd0 )

Sr e f b

∫ b2

b1

c(y)y2d y (7.10)

where cd0 is the drag coefficient at zero lift. Hence from Equation 7.9 and Equation 7.10 the aircraft roll rate
P can be computed with the following,

P =−Clδa

ClP

δamax (
2Vs

b
) (7.11)

where Vs is the stall speed and used from Chapter 3. Hence, in order to determine the span needed Equa-
tion 7.9, Equation 7.10 and Equation 7.11 are reiterated until the the bank time to reach 45◦ equals 1.3s. This
results in an aileron span of 1.2618 m, which can be seen in Appendix A.

7.3.2. Stability Derivatives

In order to assess longitudinal and lateral dynamic stability derivatives of the aircraft, two different methods
are used. Several derivatives are determined via simplified equations, referenced as SE in Table 7.9 and Ta-
ble 7.10. The simplified equation used are listed below[40], in addition to that the speed, weight and density
are taken for cruise condition.

The non-dimensional aerodynamic force along the X-axis at initial, steady flight condition is given by,

CX0 =
W

1
2ρV 2S

si n(γ0) (7.12)

The non-dimensional aerodynamic force along the Z-axis at initial, steady flight condition is given by,

CZ0 =− W
1
2ρV 2S

cos(γ0) (7.13)

The derivative of the aerodynamic forces along the Z-axis with respect to angle of attack is given by,

CZα =−CLα −CD (7.14)
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The derivative of the aerodynamic forces along the Z-axis with respect to pitching velocity is is given by,

CZq =−2CNhα
(

Vh

V
)2 Sh lh

Sc
(7.15)

The derivative of the aerodynamic forces along the Z-axis with respect to angle of attack change is given by,

CZα̇ =−CNhα
(

Vh

V
)2 dε

dα

Sh lh

Sc
(7.16)

The moment derivative with respect to the angle of attack change is given by,

Cmα̇ =−CNhα
(

Vh

V
)2 dε

dα

Sh l 2
h

Sc
(7.17)

Derivative Value Source
CX0 9.756·10−7 SE
CXu -0.0155 XFLR5
CXa 0.0603 XFLR5
CX ȧ 0.0 SE
CXq 0.0 SE
CZ0 -0.0260 SE
CZu -0.0004 XFLR5
CZa -0.0584 SE
CZȧ -3.955·10−6 SE
CZq -0.0199 SE
Cmu -0.0006 XFLR5
Cmȧ -6.735·10−5 SE
Cmq -1.553 XFLR5

Table 7.9: Longitudinal stability derivatives of the aircraft.

Derivative Value Source
CYb -0.362 XFLR5
CYp -0.002 XFLR5
CYr 0.284 XFLR5
Clb

-0.0736 XFLR5
Clp -0.195 XFLR5
Clr 0.065 XFLR5
Cnb 0.124 XFLR5
Cnḃ

0.0 SE
Cnp -0.0095 XFLR5
Cnr -0.1011 XFLR5

Table 7.10: Lateral stability derivatives of the aircraft.

7.3.3. Dynamic stability model

In order to assess the dynamic stability and responses of the aircraft, a computer model is required. The
software of choice is MATLAB, because of the ease with which dynamic systems can be assessed, and the
simplicity of the linear simulation interface to assess dynamic responses to control inputs.

When applying a computer model to analyze a real-world problem, inevitably some simplifications will have
to be applied. The equations of motion of an aircraft will be used for the state-space computer model. Some
simplifications include the small-angle approximation, linearization of the equations of motion, and steady
reference frames. The numerical model is, due to these approximations, only valid for small to moderate
control inputs and angles of attack.

Starting with the symmetric and asymmetric equations of motion,


CXu −2µc Dc CXα CZ0 0

CZu CZα +
(
CZα̇ −2µC

)
Dc −CX0 CZq +2µc

0 0 −Dc 1

Cmu Cmα +Cmα̇Dc 0 Cmq −2µc K 2
Y Dc




û

α

θ
qc̄
V

=


−CXδe

−CZδe

0

−Cmδe

δe (7.18)
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CYβ −

(
CYβ̇

−2µb

)
Db CL CYp CYr −4µb

0 − 1
2 Db 1 0

C`β 0 C`p −4µbK 2
X Db C`r +4µbKX Z Db

Cnβ +Cnβ̇
Db 0 Cnp +4µbKX Z Db Cnp −4µbK 2
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β

φ
pb
2V
r b
2V

= (7.19)


−CYδa

−CYδr

0 0
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−C`δr

−Cnδa
−Cnδr


[
δa

δr

]

Since these equations are linear first order differential equations, they can be represented by means of a
Linear Time-Invariant (LTI) state-space system of the form

ẋ = A x+B u (7.20a)

y = C x+D u (7.20b)

Where A is the state-matrix, B the input matrix, C the output matrix and D the feed-through matrix.

The equations of motion in LTI state-space form are as follows:
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c̄
V

d
d t 0 0 0

0
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For the symmetric and asymmetric case respectively, the C matrices are

C =


V 0 0 0
0 1 0 0
0 0 1 0
0 0 0 V

c̄

 (7.23)
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C =


V 0 0 0
0 1 0 0
0 0 2V

b 0
0 0 0 2V

b

 (7.24)

For the symmetric case the feed-through matrix D is of dimension 4x1, and for the asymmetric case of di-
mension 4x2. In both cases they contain only zeros.

7.3.4. Symmetric stability and response

Using the stability and control derivatives from subsection 7.3.2, the eigenvalues and corresponding eigen-
motions of the aircraft can be determined. For longitudinal dynamic stability, two eigenmodes can be dis-
cerned: short period motion and phugoid motion.

In order to calculate the eigenvalues for the symmetric case, equation Equation 7.25 is used.

∣∣∣∣∣∣∣∣
CXu −2µcλc CXα CZ0 0

CZu CZα +
(
CZα̇ −2µc

)
λc −CX0 CZq +2µc

0 0 −λc 1
Cmu Cmα +Cmα̇ 0 Cmq −2µc K 2

Y λc

∣∣∣∣∣∣∣∣= 0 (7.25)

Finding the determinant and solving for 0 yields the eigenvalues. A plot of these eigenvalues can be found in
Figure 7.8.

Figure 7.8: Symmetric eigenvalues

Now, the period P and the time to half amplitude T 1
2

can be determined.

P = 2π

ηc

c̄

V
(7.26a)

T 1
2
=−0.693

ξc

c̄

V
(7.26b)

Where ξc and ηc are the non-dimensional real and imaginary parts of the eigenvalues.
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Mode Eigenvalue Period P (s) T 1
2

Short period −0.6902±2.2648i 0.254 0.0919
Phugoid −0.0016±0.0225i 25.6092 39.3665

Table 7.11: Non-dimensional symmetric eigenvalues and parameters

The Routh-Hurwitz criterion states that in order for a system to be dynamically stable, the real parts of its
eigenvalues should all be negative [41]. As can be seen, for the symmetric case, the real parts of the eigenval-
ues are indeed negative and thus the time-responses to control inputs and/or disturbances are stable.

Figure 7.9: Short-period response
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Figure 7.10: Phugoid response

7.3.5. Asymmetric stability and response

For asymmetric dynamic stability, three eigenmodes can be discerned: first aperiodic, second aperiodic and
periodic.

Calculating the eigenvalues for the asymmetric case:

∣∣∣∣∣∣∣∣∣∣∣

CYβ −
(
CYβ̇

−2µb

)
λb CL CYp CYr −4µb

0 − 1
2λb 1 0

C`β 0 C`p −4µbK 2
Xλb C`r +4µbKX Zλb

Cnβ +Cnβ̇
λb 0 Cnp +4µbKX Zλb Cnp −4µbK 2

Zλb

∣∣∣∣∣∣∣∣∣∣∣
= 0 (7.27)



7.3. Dynamic Stability 86

Figure 7.11: Asymmetric eigenvalues

Now, for the period P and the time to half amplitude T 1
2

:

Mode Eigenvalue Period P (s) T 1
2

First aperiodic 0.0170 N/A −5.03
Second aperiodic −0.498 N/A 0.172
Periodic −0.0416±0.396 1.966 2.063

Table 7.12: Non-dimensional asymmetric eigenvalues and parameters

Again, it can be seen that the real parts of all eigenvalues are negative, and that the aircraft is thus asymmet-
rically stable.

Figure 7.12: Short-period response



7.4. Verification and Validation 87

7.4. Verification and Validation
The methods and inputs used in previous sections need to be verified in order to continue designing in the
next phases. After verification, the results obtained need to be validated with existing data. Hence, for the
verification of the model the inputs and the model itself are verified.Table 7.13 contains the expected signs
and the actual signs of the stability derivatives[40]. However, the order of magnitude is difficult to verify for
the stability derivatives as it cannot be compared to the magnitudes of similar BWB..

Table 7.13: Lateral stability derivatives sign verification.

Derivative Actual sign Expected sign
CYb - -
CYp - -
CYr + +
Clb

- -
Clp - -
Clr + +
Cnb + +
Cnḃ

0.0 /
Cnp - -
Cnr - -

The model used to assess dynamic stability is verified by using existing data about current aircraft, filling
in the respective stability derivatives and the general aircraft characteristics. Then, the model outputs and
response curves are compared to those of existing aircraft to see if they match. Additionally, stability results
are compared between the model used for HYDRA and the verification data.

Validation requires results from real flight of the aircraft. However, the validation through flight test data is
not possible at this stage. Validation is only possible after building a prototype as there is no current BWB
flying around with accessible flight test data.



8
Aircraft Performance

In this chapter the performance of the aircraft in different situations are discussed. The flight envelope and
turning performances determine the loads that the aircraft has to support during flight. Additionally, the
performance of different phases are presented, including take-off, climb, cruise, descent and landing. Lastly,
general results for the global flight are presented. A simulation model is used in order to obtain the perfor-
mances at a certain instant in time.

8.1. Flight Envelope
The flight envelope, in addition with the turning performance, is used to determine the maximum loads that
the aircraft must be able to sustain during flight. Hence, for the flight envelope a maneuver load diagram is
given in Figure 8.1. In this diagram the load factor n is given as a function of the speed V . In Figure 8.1 line
O-A is determined by,

n = qCLmax

W /S
(8.1)

where n is the load factor, q is the dynamic pressure, CLmax is the maximum lift coefficient in the clean con-
figuration and W /S the wing loading of the aircraft. The CLmax and W /S are given in Chapter 3. The limits for
the load factor are dictated by the CS 25 regulations, where line A-D represents the maximum positive load
factor and line H-F the maximum negative load factor [21]. The dive speed Vd is also specified by CS 25[21].
Vc and Vs are the cruise and stall speed respectively.

Figure 8.1: The Maneuver load diagram
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From Figure 8.1 it is clear that the upper and lower limit for the load factor are illustrated by line A-D and line
H-F. However, the load factors during turning are also considered in section 8.2 in order to verify if the upper
limit is indeed 2.5.

8.2. Turning Performance
The turning performance of the aircraft contains the load factors on the aircraft during turning, the minimum
radius and minimum time to turn. Figure 8.2 illustrates the determination of the maximum loads. Figure 8.2a
shows the performance of the aircraft for different load factors, where the thrust is constant as it assumed that
the aircraft turns at a constant altitude and the drag as a function of speed is given by,

D = nCD qV 2S (8.2)

where CD is the drag coefficient, q the dynamic pressure, V the airspeed and S the wing surface. CD is calcu-
lated from the CL-CD relation given in Chapter 4. It is important to note that for the starting point of the drag
calculation at every load factor, the stall speed is considered. Hence, CLmax is accounted for in the determi-
nation of CD ; and also the speed V , given by,

V =
√

nW

S

2

ρ

1

CL
(8.3)

where W is the aircraft weight and ρ the air density. For the weight the maximum take-off weight is used and
the air density is calculated by means of the ISA standards at a height of 1000 m. From the load factor, the
required turn radius follows. The turn radius is calculated with the following relation[54]:

R = V 2

g
p

n2 −1
(8.4)

where R is the turn radius and g the gravitational constant. This relation in combination with the maximum
load factors obtained in Figure 8.2b results in minimum turn radii for different speeds given in Figure 8.3a.
Looking at Figure 8.3a, the airspeed for the minimum turn radius is different to the airspeed for the maximum
load factor.

(a) Performance diagram for multiple load factors.
(b) Load factors as a function of speed where thrust equals

drag.

Figure 8.2: Determination of the maximum load factors at different speeds.

Last but not least, from the load factor and turn radius the minimum time to turn can be computed. Fig-
ure 8.3b illustrates the turning time as a function of speed. The turning time is simply determined by the
following relation, using the turn radii found in Figure 8.3a, where the time for a full turn (360◦) is considered:

T2π = 2πR

V
(8.5)

Hence, the maximum load factor, minimum turn radius and the minimum turning time are determined. The
final results are given in Table 8.1.
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(a) The turn radius as a function of speed, where thrust
equals drag.

(b) Turning time as a function of speed.

Figure 8.3: Determination of the maximum load factors at different speeds.

nmax [-] 1.5
Rmi n [m] 810.36
Tmi n [s] 54

Table 8.1: Final results for the turning performance.

8.3. Take-off
In this section the take-off phase is discussed. The ground and airborne phases are both included in take-off
calculations. The ground phase is considered as the distance until the aircraft reaches its lift-off speed. The
lift-off speed is determined with the following equation,

VLOF =
√

W

S

2

r ho

1

CLmaxT O

(8.6)

where VLOF is the lift-off speed and CLmaxT O is the maximum lift coefficient at take-off. For the weight the
maximum take-off weight is considered and a sea-level take-off is assumed. The speed until lift-off is com-
puted with the equations of motion given below:

W

g

dV

d t
= T −D −µ(W −L) (8.7)

d x

d t
=V (8.8)

where µ is the friction coefficient[20]. The drag is computed with the CD -CL relation given in Chapter 4.
The specific inputs are given in Table 8.2. The airborne distance for take-off is determined by approximating
the initial take-off as a circular movement until the aircraft reaches the screen height that can be seen in
Figure 8.4. However, in Figure 8.4 the circular motion is not visible only the screen height.

CLmaxT O 1.1
µ 0.02

Thrust setting 80 % of TT O

Table 8.2: Specific inputs for take-off.

8.4. Climb
After taking off the aircraft has to climb up to the cruise altitude. The climbing performance is defined by
the climb rate of the aircraft. For the climbing phase a constant indicated airspeed is opted as the climbing
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Figure 8.4: The take off distance as a function of height.

strategy. Furthermore, the thrust change with altitude is assumed to be proportional with the density change.
Hence, the steady rate of climb (V constant), following from the equation of motion for climb given by

T −D =W si n(γ) (8.9)

where γ is the climb angle. Additionally, a steady symmetric flight is assumed, meaning that the speed and
climb angle are kept constant. The steady rate of climb is then determined with the following equation:

RCst = Pa −Pr

W
(8.10)

where Pa is the available power and Pr is the required power. Equation 8.10 is only valid when assuming dV
d t

equal to zero and a constant flight path angle. The actual rate of climb can be calculated with the following
equation[54]:

RC

RCst
= 1

1+ V
g

dV
d H

(8.11)

where H is the altitude and the change in velocity with altitude is given by

dV

d H
=VE AS

d(
√

ρ0
ρ )

d H
(8.12)

where VE AS is the equivalent airspeed and is assumed equal to the indicated airspeed, considering that the
flow is incompressible [11]. The change in density with altitude is derived from the ISA standard atmosphere
conditions. Hence, the rate of climb over the climb phase is illustrated in Figure 8.5a. The sudden changes
in rate of climb in the beginning of the climb are due to considering some flight maneuvers. It is taken into
consideration that the aircraft’s rate of climb increases after take-off by changing the flight path angle and at a
later stage the thrust setting is decreased. Figure 8.5b depicts the time needed to climb to the cruise altitude.
As can be seen from both plots, the climb does not completely end at 11000m. The reason is that in flight the
pilot or autopilot adjust the aircraft trajectory when approaching the cruise altitude.

8.5. Cruise
The cruise phase constraints the range of the flight. The cruise characteristics are given in Table 8.3. In order
to model the cruise, several assumptions had to be made: the cruise speed and the angle of attack are kept
constant. Hence, in order to keep these constant the aircraft is slightly increasing its altitude. In theory this
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(a) The rate of climb over the climb distance. (b) The climbing time until reaching the cruise altitude.

Figure 8.5: Determination of the climb characteristics.

can be done by linearly increasing the altitude over the cruise distance, as seen in Figure 8.6, however in
reality this is applied in step climbs during cruise.

Parameter Value Unit
Altitude 11000 m
Density 0.3636 kg/m3

Thrust setting 70 % -
Mach number 0.75 -

Table 8.3: Input parameters for the cruise phase.

The difference between Figure 8.6a and Figure 8.6b lies in the fuel fraction. For Figure 8.6a a fuel fraction
based on the design range determined in Chapter 3 is used, Figure 8.6b considers a fuel fraction based on the
maximum fuel.

(a) The cruising distance as a function of altitude for the
design range.

(b) The cruising distance as a function of altitude for
maximum fuel.

Figure 8.6: Determination of the cruise characteristics.

8.6. Descent
The descent performance is based on the same computations as the climb performance in section 8.4. The
difference in the climb phase is that the thrust level is decreased, causing the aircraft to descend. Similar to
the climb phase, the indicated airspeed is kept constant for the descent phase. Looking at Figure 8.7a the
descent rate does not reach zero at the end of the descent phase, instead it stays significantly high. This is
because at the end of descent phase the aircraft adjusts for the glide slope trajectory towards the landing field.
Figure 8.7b indicates that the descent phase lasts for approximately 30 minutes.
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(a) The rate of descent over the climb distance.
(b) The descent time of the aircraft starting from the cruise

altitude.

Figure 8.7: Determination of the descent characteristics.

8.7. Landing
Similar to take-off, the landing consists of the airborne and the ground phase. The airborne phase is deter-
mined similarly to section 8.3. However, the ground phase is based on the following equation of motion,

W

g

dV

d t
=−Tr ev −D −µ(W −L) (8.13)

where Tr ev is the reverse thrust and assumed zero and µ is the wheel friction. For the drag the CL-CD relation
Chapter 4 is used where the CLmax is considered. The landing distance can be seen in Figure 8.8, the beginning
altitude is the screen height of 15 m. As can be seen, the airborne phase indicated is including a part of the
zero altitude landing distance. This is because the transition time and distance between airborne and ground
phase is included in the landing distance.

Figure 8.8: The landing distance of the aircraft.

8.8. Overall flight
Combining the flight phases from previous sections, the overall flight characteristics can be obtained. Fig-
ure 8.10 illustrates the flight distance for the design parameters from Chapter 3. The design flight charac-
teristics are given in Figure 8.9. The calculation for the fuel burnt in every phase is based on the mass flow
determination in Chapter 6.
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Parameter Value
Range [km] 2857
Flight time 3hrs 39min

Fuel burnt [kg] 1920

Figure 8.9: Design flight characteristics.

Figure 8.10: Distance of the whole flight as a function of altitude.



9
RAMS Characteristics

This chapter discussed the reliability, availability, maintainability and safety of HYDRA. First the reliability
and availability will be discussed in section 9.1. Next, the maintainability will be addressed in section 9.2.
Finally the safety aspects will be discussed in section 9.3.

9.1. Reliability and availability
The availability of the aircraft is defined as the amount of days in the year that the aircraft is operational. This
means that availability of the aircraft is very much dependent on the amount of maintenance required which
will be discussed in section 9.2. Turnaround time is also an important factor for the availability of the aircraft.
The turn round time is determined by how quickly the airport can make the aircraft flight ready and is in part
dependent on the design of the aircraft. The turn round time of an A320 can be seen in Figure 9.1 below.

Figure 9.1: Turn round time of A320 [8]

Activities that can potentially change due to the blended fuselage and cryogenic fuel are refuelling, and pas-
senger and cargo loading/unloading. It has been shown in subsection 6.2.1 that the tanks can be fuelled in
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the same time by setting the massflow to 5 kg
s or 71 l

s . This is more massflow in volume compared to the A320

which requires 28 l
s to refuel in 16 minutes therefore requiring bigger pumps. No showstoppers have however

been found that indicate that these rates are not achievable.

The reliability of the aircraft is defined as

R =
n∑

i=1
1−P f ai lur ei (9.1)

The total reliability of the aircraft is dependent on the reliability and therefore the probability of failure of each
subsystem. The reliability of each subsystem is hard to approximate because of the early stage of the design.
It is therefore assumed that the new systems in HYDRA will have similar probability of failure compared to
conventional aircraft.

9.2. Maintainability
Certain characteristics of HYDRA will change the maintenance process. The use of hydrogen tanks requires
more inspection compared to conventional fuel tanks. This is because of more complex fuel systems and
pressurization cycles. The top mounted engines also make inspection more challenging as they are much
higher from the ground compared to conventional below the low wing mounted engines. This will require
the airport personnel to use lifters to reach these heights. The scheduled maintenance guidelines are shown
in Table 9.1[6].

Check When Tasks Hours needed
Daily checks Daily Visual inspection 0.5

A ≈ 250 flight hours Filter replacement, emergency equipment in-
spection and lubrication

20 - 50

B 6 months Systems operational and functional checkouts 120 - 150
C 20 - 24 months Thorough inspection of aircraft systems 6000
D 6 years All aircraft systems are taken apart, inspected

and reassembled
50000

Table 9.1: Scheduled maintenance

Where HYDRA differs from conventional aircraft is the B and C checks. When performing B checks and testing
the operational and functional performance of the aircraft systems, the fuel tanks also have to be tested. This
includes pressurization and temperature tests.

9.3. Safety
Characteristics that have influence on safety are the location of the engines and the hydrogen fuel tanks. The
engines are placed at the very back of the aircraft behind the pressure bulk head of the cabin. This means
that an engine blade failure will not pose a threat to depressurization of the cabin. The cryogenic tank is also
placed behind the cabin compared to in the wingbox in conventional configurations. This has the advantage
that a fire in the cabin or cargo department has less risk of spreading to the fuel tank. HYDRA will have a
3− 6− 3 layout as seen in Figure 3.3b which is wider than compared to the A320 which has a 3− 3 layout.
HYDRA has four doors on each side of the aircraft. Half of those doors are type I and the other half type III.
This allows for the aircraft to still be evacuated in the required 90 seconds meaning that it is compliant with
the regulation.



10
Production Plan

The production plan is discussed in this chapter. The plan is split up in the manufacturing and production lo-
cations. The manufacturing breakdown is discussed in section 10.1 and the production location is discussed
in section 10.2.

10.1. Manufacturing
The production plan is in Figure 10.1. The production plan is broken down in three stages. Part manufac-
turing, subsystem Assembly and final assembly. In the part manufacturing, raw materials will be processed
into parts. This stage of manufacturing can be done in parallel and even on different locations. In subsystem
assembly the various parts parts from the previous stage are put together. For example the valves, pumps,
insulation layers, baffles pipes and structural layers are put together to make the hydrogen fuel tank. As with
the previous step this step can also be done parallel and at different locations. At the final step all the different
subsystems are put together to form the final aircraft. This step has to be done at one location. In Figure 10.1
it can be seen how the different steps connect for each subsystem. For the subsystems, the engines will be
produced at a different company, like Rolls Royce, GE or Pratt & Whitney. These companies already have a
lot of experience in engine design and production. Even in conventional design this cannot be equalled by
aircraft manufacturers.

In the manufacturing timing is of paramount importance. If one subsystem assembly as a delay the whole
final assembly of one aircraft will be delayed and also the following aircraft will be affected by this delay.

During manufacturing the crew working on the aircraft will gain experience and therefore work more effi-
cient, which no only reduces cost, but also increases production numbers. The cost part will be explained in
subsection 13.3.5. Initially it is assumed that 16 aircraft per month will be produced but this will gradually
increase due to the effect of learning. This is shown in Figure 10.2. The effect of the increased production,
can be found in the program time. For a constant rate of 16 aircraft per month it would take 250 months
to produce 4000 aircraft, which corresponds to 20 years and 10 months. With the learning effect the total
production take 184 months which is 15 years and 4 months. Which means that 5.5 years can be won by the
learning effect.

10.2. Production locations
A location for the final assembly has not been determined yet. India could be a viable option since this is
one of the target markets [3]. Europe and north America could also be options, since a lot of aircraft knowl-
edge and experience is already available from companies like Airbus, Boeing and companies affiliated with
those.In addition, especially in the US and Germany a lot of investment is already done to increase the knowl-
edge and experience in the use of hydrogen [67].

The manufacturing of the various parts and different subsystems can be done at different locations in dif-
ferent countries or even continents. This can be done to omit trade barriers or gain regional support and
funding.
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Figure 10.1: Production plan for blended wing aircraft body with open rotor and hydrogen fuel tank
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Figure 10.2: The production rate showing the effect of learning.



11
Operations & Logistics

In this chapter the operations and logistics for the HYDRA will be discussed. Operations consists of the tasks
needed to operate the aircraft, which is discussed in section 11.1. Logistics consists of the measures to get
everything to the aircraft to make it operable. This is from refueling to getting passengers and their luggage
into the aircraft. Logistics including the transport of fuel is discussed in section 11.2.

11.1. Operations
Characteristics that make the HYDRA different in terms of operation compared to conventional aircraft is the
different seating configuration, hydrogen tank and wider cargo department.

Although the seating configuration is 3-6-3 compared to the 3-3 in an A320, this is not expected to significantly
increase the time needed to load and unload the passengers.

A single HYDRA requires about 70000 liters of hydrogen compared to 27000 liters for an A320. Additionally,
it has been shown in Chapter 9 that the fuelling rate in liters is 3 times higher than an A320. This requires
more fuelling trucks pumping at a higher rate. Current larger airports use pipelines to fuel their aircraft.
These pipelines are usually made out of steel just like the pipes used to get the fuel to the airport and are not
suitable for transporting hydrogen. This means that these existing pipelines have to be renewed to similar
pipelines used for transporting natural gas.

Figure 11.1: Aircraft ground operations.

Although the HYDRA has a wider cargo compartment, the containers are still the same as conventional air-
craft. The cargo compartment also has similar placement, below the passengers accessible by a door. It
therefore expected that the cargo loading and unloading will take the same time as an A320 or equivalent.

11.2. Logistics
Currently airports get their fuel either directly by pipeline or by the use of trucks, marine vessels and trains.
Airport also have local storage tanks for the fuel that act as a buffer. Existing pipelines for jet fuel cannot
be used to transport hydrogen as they are made of steel, a metal that is not resistant to hydrogen. In some
countries such as France, Belgium, Germany and The Netherlands a 1300km hydrogen pipeline network is
already available [16]. Hydrogen can however also be produced locally at the airport by using electrolysis
which can be done with existing electrical and water infrastructure. Although fresh water methods are more
efficient and less difficult, electrolysis and photocatalytic methods for extracting hydrogen from saltwater
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are also possible for places where fresh water may be scarce [25]. In the market analysis [1], it is stated that
south and southeast Asia are targets for the aircraft. India already researched in hydrogen infrastructure for
transportation purposes. They planned to have test facilities for refueling available by 2020 [37]. Also, Japan,
South-Korea and China are investing in hydrogen as a fossil fuel replacement [45].



12
Sustainable Development Strategy

This chapter discusses the sustainable development strategy followed by the design team throughout the
entire process. Sustainability is considered throughout various parts of the development and operation of
the HYDRA.

12.1. Emissions during flight
One of the key factors to consider when examining the sustainability during operations is the emissions of the
aircraft. As hydrogen has been chosen as the fuel type three different gaseous emissions are relevant namely,
H2O, CO2 and NOx . In addition to these emissions, noise emission is also considered as this has become
increasingly important for regulators.

H2O

A by-product of hydrogen combustion is H2O, although not commonly seen as a pollutant, emitting water
vapour at high altitude does contribute to the greenhouse effect. The water vapour traps heat in the at-
mosphere increasing the heat and in effect contributing to global warming. Although this can be seen as a
predominantly adverse effect the residence time of H2O is about 6-12 days, which is much shorter than the
100 year residence time of CO2 which is the predominant emission in kerosene fueled engines[64]. In this
regard, the emission of water vapour due to hydrogen combustion is still seen as a significant step forward
due to the greatly reduced residence time.

CO2

In traditional kerosene combustion CO2 is one of the primary by-products that have enhanced the green-
house effect and thus contributed to global warming. As the combustion of hydrogen produces no CO2 this
is another major advantage compared to current aircraft which utilize kerosene and thus emit CO2

NOx

During flight the primary drawback of using hydrogen is the increased emission of nitrous oxides, NOx . NOx

has been known to cause depletion of the ozone layer [44] as well as contributes to global warming. The
primary reason for the NOx emission is the greater burn temperature compared to kerosene. Increasing the
burn temperature has been directly correlated to an increase in NOx emissions [64]. The NOx emissions
can be reduced by decreasing the burn temperature, due to the cryogenic storage of the hydrogen fuel en-
tering the combustion chamber is much colder than kerosene which aids in reducing the NOx emission. In
addition, a leaner fuel mixture also reduces the amount of NOx emitted. Compared to kerosene, hydrogen
can consistently burn in a leaner condition however this can affect engine performance. Something that has
not been investigated at this stage of the design is the a concept called micro-mix combustion, which is a
combustion process that produces less NOx emission compared to kerosene combustion[48]. This works by
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increasing the number of local small mixing zones involving "thousands" of flames that increase the mix-
ing intensity. As promising as this technology sounds further research in the detailed design phase will be
required to assess its feasibility to this design. Ultimately, a middle ground between minimizing the NOx

emissions and achieving the required engine performance must be found.

Noise

One of the primary concerns with open rotor engines, that have been selected for HYDRA, is the noise emitted
by these engines. At this stage in the design the noise generated by the engines has not been examined in
detail. However, research has shown that with the use of CFD tools open rotor engines have shown significant
reduction in noise. The reason for the improvements in noise level is due to the fact that CFD allows for
better modelling of complex flows such as the tip vortices around the fan blades. This also allows for better
optimization with regards to noise when designing the open rotor fan blades. The tools have allowed the
engine to meet current noise regulation and are expected future regulations whilst maintaining the efficiency
improvement compared to the CFM56 turbofan engines [12].

12.2. Hydrogen production
The type of hydrogen production will be a crucial aspect in the sustainability of the HYDRA, currently 97%
of hydrogen is produced from natural gas, the remaining 3% is hydrogen produced using electrolysis. From
an economic perspective it is currently much more profitable to produce hydrogen from fossil fuels, such as
natural gas [33]. However, as the world moves towards adopting more renewable energy sources such as wind
and solar the price of electrolysis may come down. It is hoped that this would shift hydrogen production away
from the steam forming method that uses fossil fuels and instead favor electrolysis as the primary means to
producing hydrogen.

12.3. End-of-life
Another important aspect that must be considered when assessing the sustainability of an aircraft is the dis-
posal or repurposing of an aircraft at its end-of-life. As materials must be extracted from the earth an effort
must be made to recycle and reuse materials in order to become truly sustainable as these finite resources will
eventually run out. In recent years, as the number of new aircraft has increased, more old aircraft have been
taken out of service. This has also helped drive an increase in the amount of material in an aircraft that can be
recycled. Around ten years ago only about 50% of an aircraft could be recycled, however over the past decade
much progress has been made up to the point that approximately 90% of the aircraft can be recycled[30].

As explained in Chapter 5 the aircraft frame is predominantly made out of aluminum. From a sustainability
perspective this is largely positive as aluminum can be recycled relatively easily. The largest aircraft manu-
facturers have pushed carbon fiber reinforced polymers or other composite materials as the future with the
entry into service of the Boeing 787 and Airbus A350. However, what they fail to address is the fact that these
materials are notoriously difficult to recycle or even dispose of easily[30].

Besides the reuse of the airframe other key aspects to consider at the end-of-life are the engines, fuel tanks
and interior of the aircraft. The engines need to be developed almost from the ground up as they are a new
technology that until now has only been tested but largely unproven in commercial use. Currently, engines
are typically removed from the aircraft and installed on another aircraft or taken apart and used for spare
parts [14]. This strategy is likely most suitable for HYDRA as well, engines require frequent maintenance and
replacement of parts thus there is demand for these parts. The only requirement for reusing engines and its
parts is that they must be certified before being installed on another aircraft.

Not all parts of the aircraft can be recycled or reused easily; the fuel tanks for example are made up of several
materials, see subsection 6.2.1. Recycling the tanks at the end-of-life will be difficult as first the materials
would need to be separated first and then if possible be repurposed. Requiring these fuel tanks for liquid hy-
drogen storage is a drawback for sustainability in terms of repurposing the tanks however the use of hydrogen
has reduced the emissions of the aircraft. Hence, on the whole the net effect is positive as using hydrogen has
contributed to significant emission reduction as explained in section 12.1.
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Market Analysis and Cost

In this chapter the market analysis will be presented. The analysis done in the baseline will be reviewed in
section 13.1. In section 13.2 the analysis of the market will be given in which the HYDRA has to operate. In
section 13.3 the cost analysis will be shown.

13.1. Review of baseline
In the baseline the first market analysis was done. The goal of that research was to analyze the size of the
market, by looking at the expected production volume and the value attached to the numbers for the class
HYDRA is supposed to compete in. Furthermore the opportunities of future markets were analyzed, in order
to find out how the markets on different continents work and to find where largest growth could occur. At
last the fuel price was also analyzed, due to the already existing possibility for a hydrogen powered design the
kerosene fuel price was analyzed, to see how operational cost would increase over time due to increasing fuel
price.

13.1.1. Future market

The main part of the baseline market analysis was the analysis of the market during the period of 2016-2036. It
was set up to find a justification for an extra single aisle aircraft in the market that is dominated by Boeing[10]
and Airbus[56]. In Table 13.1 the predictions done by Boeing and Airbus are shown for the period 2016-36.
The unit costs was calculated by dividing the expected value by the expected volume. From the data it can be
seen that both parties differ in the numbers, but the general trend in both data sets is that more than twenty
thousand aircraft will be produced.

Table 13.1: Estimates for the single aisle market by Boeing and Airbus aircraft by 2016-2036

Airbus Boeing
Expected value [$1012] (FY 17) 2.38 3.18
Global Estimated Volume [-] 24810 29530

Unit cost [$106] (FY 17) 133 99

Emerging markets were analyzed to find out where opportunities arise for HYDRA. It was found that the North
American market and European market are already developed and will see some growth but most deliveries
will be for fleet replacements. The emerging markets were found Asia, especially India, as the Indian market
is the fastest growing market in the world currently. Further it was found that the Indonesian market is devel-
oping fast as well large orders from low cost airlines operating in both countries have been placed for single
aisle aircraft.

An entry into service date was also set. The date was determined to be in 2030, with the reasoning being that
the new aircraft can still take part in the growth of the coming 20 years and that it can start to replace some of
the earlier production numbers of the current generation aircraft.
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13.2. HYDRA on the market
HYDRA will provide a totally new platform on the market by 2030, with hydrogen used as the fuel for the
aircraft this would be large innovation in the whole aviation market since kerosene has been used since the
1950’s. The platform would provide a solution to finite fossil fuel resources, and will provoke a period of
transition. Therefore the use in the early years, destinations could be limited, but will likely increase if the
transition to hydrogen will be made. The main idea for HYDRA is to create an aircraft which is energy efficient
over the total lifetime. This is achieved by reducing the energy used during operations as cruise was found to
be the most energy intensive phase of an aircraft operational life. After analyzing the parameters that affect
this efficiency it was found that switching to hydrogen would reduce the energy usage significantly. With fuel
reserves running out, an approach should be taken to allow a change of energy source, the HYDRA provides
an alternative to flight on kerosene. The aim is to achieve a market share of 15%, which results in 4000 aircraft
sold.

HYDRA will enter the market when all of the aircraft that are produced are kerosene powered aircraft. It will
use part of the growth of the market, which was shown in subsection 13.1.1. This will be from the entry into
service in 2030 until 2035. After which the market will potentially grow further, but most of the sales will be
replacement of older models from competitors.

13.3. Cost
In the baseline report a cost estimation was performed, this section will review the results from the baseline
and will provide a cost analysis based on the same method only with more detailed input values which would
provide a increased accuracy, compared to the cost estimation of the midterm. The cost estimation followed
the Roskam method [52]. The total cost of the aircraft is divided into three sub costs: Development cost,
manufacturing cost and the operational cost. For every group the results for the A320 are also included,
which acts as an baseline.

13.3.1. Development Cost

According to Roskam the development cost includes the research, design, testing and evaluation cost (RDTE).
Roskam’s method, is based on statistical data of aircraft, labor hours, and statistical data on the cost of labor.
The full method is explained further in this chapter. Important note is that the inputs are all in imperial units.
The results of the calculations are shown in Table 13.2.

The first step is to find the so-called aeronautical manufacturing planning report weight, which is found using
statistical data of previous aircraft:

Wampr = 100.1936+0.8645log (MT OW ) (13.1)

The maximum airspeed, Vmax is taken as the cruise speed for commercial aircraft, which for Mach = 0.7 at sea
level (obtaining equivalent airspeed in knots) is 219.3 kts. The number of prototype aircraft; Nr d te is taken
to be 7. The RDTE production rate per month is taken to be 0.33, which is industry standard. The number
of engines; Ne is taken to be 2. The unconventionality factor (Fdi f f ) is based on the conventionality of the
design and ranges from 0.8 to 2.0. In the midterm the cost analysis was done for the configuration at that time;
the Hybrid Blended Wing Body (HBWB). The unconventionality factor that was applied for that concept was
2.0 due to the very unconventional factor of the design. The same value of 2.0 will be used for the BWB design.
The use of computer aided design (CAD) software a similar factor should be taken. Because both the HBWB
and the BWB are very unconventional and CAD is extensively used nowadays in aircraft design the lowest
factor of 0.8 is taken. Since the method by Roskam was published in the past a Cost Elevation Factor (CEF)
was also determined. This factor is needed because the cost of production has increased since the method
was published. According to the trend in Roskam the CEF equals 7. The CEF will mainly be used in the
calculation on labor cost. Using the CEF, the engineering cost per hour, manufacturing labor cost per hour,
and tooling cost per hour could be calculated by comparing the cost with the cost in 1982. The equation used
was:
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Costcur r ent = C EF

3.02
· cost1982 (13.2)

The cost for engineering, manufacturing, and tooling were $62, $34.44, and $45 respectively in 1982. The 3.02
represents the CEF of 1982. This resulted in an engineering cost per hour of $143.7, $79.8, $99.8 in 2017.

To calculate the total engineering man-hours:

M HRaedr = 0.0396W 0.791
ampr V 1.526

max N 0.183
r d te Fdi f f Fcad (13.3)

To calculate the total manufacturing man-hours:

M HRmanr = 28.984W 0.74
ampr V 0.543

max N 0.524
r d te Fdi f f (13.4)

To calculate the total tooling man-hours:

M HRtoolr = 4.0127W 0.764
ampr V 0.899

max N 0.178
r d te N 0.066

rr
Fdi f f (13.5)

Multiplying these hours with the labor cost per hour, the total engineering labor, manufacturing labor and
tooling labor costs are obtained.

Development and support testing cost is given as:

Cd str = 0.008325W 0.873
ampr V 1.89

max N 0.346
r d te Fdi f f C EF (13.6)

The manufacturing material cost for the test airplane is obtained as:

Cmatr = 37.632Fmat W 0.689
ampr V 0.624

max N 0.792
r d te C EF (13.7)

The quality control cost is taken to be 13% of the manufacturing labor cost.

The flight test airplane cost is:

C f tor = 0.001244W 1.16
ampr V 1.371

max (Nr d te −Nst )1.281C EF Fdi f f (13.8)

The cost for the necessary test and simulation facilities were estimated at 15% in the midterm. This will be
the same for HYDRA as the new aircraft design will likely require new test and simulation facilities. Finally,
both the cost of financing the entire RDTE phase as well as a profit margin on this phase are estimated at 10%.

Table 13.2: Development cost breakdown for each concept in million US Dollars

Cost components [$ million]
Phase

Midterm Final A320
Engineering cost 223.0 286.7 128.75

Development and support testing 66.8 89.1 36.5
Engine and avionics 101.9 109.4 34.4
Manufacturing labor 638.5 774.0 287.3

Material cost for test aircraft 154.0 132.4 84.61
Tooling cost 461.1 571.7 257.5

Quality control cost 83.0 100.6 37.3
Flight test airplane cost 52.0 72.1 11.1

Test/simulation facilities cost 410.9 305.2 125.4
Financing cost 273.9 305.2 125.4

RDTE profit 52.0 305.2 125.4
Total cost of RDTE [$ billion] 2.739 3,502 1,254
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Table 13.3: Estimated unit price for the aircraft.

Concept Aircraft estimated unit price [$ million]
Midterm 36.5

Final 42.0
A320 30.3

13.3.2. Manufacturing Cost

After developing the development cost, the manufacturing cost were determined. To start the estimation for
the manufacturing cost, the number of aircraft produced was estimated. It was assumed that a market share
of around 15% was attained. From Table 13.1 this would be around 4000 aircraft. Further more the number
of aircraft produced was estimated to be 16 per month, this is a very conservative estimate as competitors
produce around 60 aircraft per month for the same class 1. This conservative estimate because the competi-
tors have many years of experience, whereas the teams building the HYDRA has limited experience and will
be building a whole new concept. Not only because it is a brand new aircraft, it is also a very unconventional
one. The method used to estimate the manufacturing cost was based on statistical relations used to esti-
mate the number of man hours for tooling and manufacturing over the entire production program, the cost
per man hour for the various aspects are presented in subsection 13.3.1. Material cost was estimated using
Equation 13.7, where N is now equal to the number of aircraft produced. Again a profit margin of 10% was
taken to arrive at an estimated unit price per aircraft. The final estimated aircraft unit prices are presented in
Table 13.3.

13.3.3. Operating Cost

After determining the development and manufacturing cost, the operational costs were determined. In gen-
eral the operational costs are different for different airlines. Therefore a general aspect was analyzed which
changes the cost on a similar level for all airlines, namely the fuel cost. The fuel cost itself is a large cost fac-
tor in an airlines operational cost. Since it is very hard to predict the fuel price, since it is easily affected by
political unrest in oil producing countries, two scenarios were considered. The baseline scenario assumes
the price of $113 per barrel and a liquid hydrogen price of $7.8 per kg. The optimistic scenario would see a
strong increase in price of kerosene, to the level it would cost $186 per barrel. This scenario further sees an
decrease in the price of hydrogen to $3.3 per kg[7, 15]. Although it should be noted that the cheapest method
for the hydrogen production is used, which is centralized gas reforming. This process still produces CO2,
while electrolysis would produce no CO2 but is the more expensive option at this time.

The baseline cost scenario is displayed in Table 13.4. It can be seen that in the baseline scenario the A320 is
cheaper than the HYDRA, by 300 million dollar. Furthermore it can be seen that total life cycle cost for one
aircraft increased drastically in the final phase. Then also the optimistic scenario was analyzed, the results
are shown in Table 13.5. It is clear that the HYDRA will be cheaper than the A320 by 350 million dollar, fur-
thermore it can be seen that the increase in the total life cycle price is lower when moving from midterm to
final, as compared to the baseline scenario. A summary of the costs is given in Table 13.6. The cost of each
sub group is included, and the total sum of all the costs is given.

13.3.4. Verification

Since the same method was used as in the midterm phase, verification procedure of the method remains the
same as in the midterm phase. The method to determine cost was that followed by Roskam. Verification of
the method was performed by implementing the values for the example aircraft in Roskam into the calculator
and comparing with the values obtained by Roskam. Upon comparison, it was determined that all costs were
within a 1% margin with Roskam, with the difference due to use of rounding throughout by Roskam.

1URLhttps://www.bloomberg.com/news/articles/2018-02-06/airbus-mulls-raising-output-of-a320-family-jets-as-demand-soars
[cited 25 June 2018].

https://www.bloomberg.com/news/articles/2018-02-06/airbus-mulls-raising-output-of-a320-family-jets-as-demand-soars
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Table 13.4: Baseline cost scenario

Cost factor Midterm Final A320 units
Total lifecycle cost 868,135,488 1,202,649,445 936,274,560 $

Direct operating cost 23.3 25.95 20.26 $/nm
Indirect operating cost 11.6 12.98 10.1 $/nm

Total operating cost 34.9 38.93 30.4 $/nm
Operating cost block hour 8,563 11889.94 9,281 $/blhr
Aircraft fuel lifecycle cost 168,341,598 344,979,389 271,473,578 $/AC

Percent fuel cost 19.4% 28.7% 29.0% -
Estimated unit price 36,530,855 41,969,813 30,268,460 $/AC

Table 13.5: Optimistic cost scenario

Cost factor Midterm Final A320 units
Total lifecycle cost 707,148,741 872,596,239 1,226,230,518 $

Direct operating cost 18.7 18.57 26.7 $/nm
Indirect operating cost 9.4 9.29 13.4 $/nm

Total operating cost 28.1 27.85 40.1 $/nm
Operating cost block hour 6,894 8508.89 12251 $/blhr
Aircraft fuel lifecycle cost 70,928,790 145,353,085 446,850,315 $/AC

Percent fuel cost 10.0% 16.7% 36.4% -
Estimated unit price 36,530,855 41,969,813 29,498,632 30,268,460$/AC

Table 13.6: Total lifecycle cost

Cost factor Midterm Final A320 units
Total RDTE cost 2,739,102,992 3,051,513,373 1,253,545,542 $

Manufacturing cost 37,415,454 37,460,850 27,374,333 $/AC
Total operating cost (Baseline) 34.9 38.93 30.4 $/nm

Total operating cost (Optimistic) 28.1 27.85 40.1 $/nm
Total lifecycle cost (Baseline) 868,135,488 1,202,649,445 936,274,560 $

Total lifecycle cost (Optimistic) 707,148,741 872,596,239 1,226,230,518 $
Estimated unit price 36,530,855 41,969,813 30,268,460 $/ac
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Table 13.7: Return on Investment

Scenario Midterm Final A320
Baseline -7.3 0.81 13.1

optimistic 9.6 1.16 -5.1

13.3.5. Return on Investment

The return on investment (ROI) was determined using the Roskam method [52]. The return on investment
for the airline is the difference between the investment made by acquisition of the aircraft, operational cost
incurred during lifetime and the revenue made through transportation of payload. The ROI was calculated
using the following assumptions: All the tickets are sold at the same price, the aircraft is flown at design
range of 6200 km, which would result in ticket prices of $575 and economy class. The aircraft can hold 170
passengers in a single class configuration. From the manufacturing cost and operational cost; described in
subsection 13.3.2 and subsection 13.3.3, the IOC, DOC, AEP, Vbl and Uannbl were obtained. Furthermore taxes
should be included. Two types of taxes are applied: the investment tax credit rate, t xi nv and the income tax
rate, t xr ev . The percentages for both taxes are taken to be 10% and 20% respectively. The results for the ROI
calculation are shown in Table 13.7.

ROI = (Rev − IOC −DOC )Vbl

(AEP )(1− t xi nv )
(1− t xr ev )Uannbl (13.9)

From the manufacturing cost and RDTE cost the total program cost for the company was analyzed.

Cpr og =CRDT E +Cman (13.10)

Equation 13.10 shows how the total program cost was determined. Which is based on the total RDTE cost
and the total manufacturing cost. This results in the total program cost being $152,894,915,443. When tak-
ing the estimated unit price an multiply this with the units sold the revenue accounts to $168,000,000,000.
Which gives a profit of $15,105,084,556. This is shown in Figure 13.1, in the revenue lines and the cost line for
no learning curve. Usually during the manufacturing of the aircraft the workers become more experienced,
which cuts down the production time. This reduces the cost and increases the production rate of the aircraft.
The learning curve was implementing using the following equation:

EN = K ·N s (13.11)

Where EN represents the effort needed for the N th aircraft, K is the effort for the first aircraft, N is the number
of aircraft produced and s represents the learning factor, which is negative for a learning process. In this case
the effort directly translates to cost. For determining s a reduction factor of 90% was taken, with the log10,
which results in s being -0.046.

From Figure 13.1 it can be seen that the break even point is met early on in the production phase of HYDRA.
The break even point lays at the intersection with the revenue line and the cost line. For the line incorporating
the effect of learning, this is met earlier than for the scenario when there is no learning. For the learning curve
line the break even point lays at 264 aircraft produced. The linear line on the other hand needs 676 aircraft
produced to break even.

13.4. SWOT analysis
In the baseline a SWOT analysis was presented and was updated for HYDRA. The SWOT analysis is given in
Table 13.8. At the time of making the SWOT analysis for the baseline, certain design features were not clear
yet, such as the fuel used. Therefore the table is colored, with green being parts that are still applicable, red
being not applicable to HYDRA and cyan being HYDRA specific factors.
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Figure 13.1: Revenue and cost

Table 13.8: SWOT analysis for the market

Strengths Weaknesses
Long lifetime of product Slow response time to market demand
Efficient aircraft Higher unit price
No CO2 emissions Requires logistic change
Lighter than competitor More challenging maintenance
Opportunities Threats
Strength of emerging markets, particularly in Asia Pa-
cific region

Financial crisis

The fact that the design is a brand new design vs. up-
dated designs

Major incidents & terrorist attack with aircraft causing
bad image and increase in regulation

Consistent growth in market High speed rail network
Start of transition to hydrogen Dependency on oil price
Show the feasibilty of the BWB design Dependency on hydrogen price

13.5. Budgets
In this section a cost and mass budget is provided, for the current aircraft design, and what could be expected
in the future. In Table 13.9 mass fractions for each sub group are given, both as a fraction of the MTOW and
OEW.

In Table 13.10 the mass budget is given for the current phase. The contingency in the current phase is 8%,
because the design is becoming more certain in this phase, as compared to the baseline report where a con-
tingency of 20% was used, mainly because of the large uncertainties.

For the cost a budget can also be put together. The same story goes for the contingency factor that is used.
From the cost determined in section 13.3 it was determined that the unit price should be 42 million US dollars.
In Table 13.11 this is broken down.
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Table 13.9: Ratio of each OEW sub group to MTOW (%) [22]

Subgroup Subgroup mass percentage MTOW Subgroup mass percentage of OEW
Wing 1.5 2.2

Fuselage 22.1 32.6
Tail 6.3 9.3

Landing gear 4.9 5.8
Total fuel system 8.0 11.8

Total Airframe structure 42.8 61.8

Engines 9.8 14.5
Systems and equipment 16.1 23.7

Table 13.10: Allocated mass budget with contingency factor

Subgroup Wing Fuselage Tail Landing gear Propulsion Systems and equipment engines
Specification mass [kg] 1169 16762 4784 2982 6060 12168 7424

Target mass[kg] 1076 15421 4401 2743 5575 11195 6830
Contingency factor 0.08 0.08 0.08 0.08 0.08 0.08 0.08

Table 13.11: Allocated cost budget in million of dollars with contingency factor

Subgroup Wing Fuselage Tail
Landing
gear Propulsion

Systems and
equipment

final
assembly

payload and
cabin layout

Specification cost [$106] 11,4 11,7 4,2 1,3 3,8 2,5 2,5 4,62
Target cost [$106] 0,5 10,8 3,9 1,2 3,5 2,3 2,3 4,3

Contingency factor 0.08 0.08 0.08 0.08 0.08 0.08 0.08 0.08
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Technical Risk Assessment

In this chapter, the risks associated with the design are discussed. They are evaluated using a number scale
and are plotted onto a risk map for visualization. Following that, mitigation techniques are proposed and the
now mitigated risks are plotted onto an updated risk map. The risk assessment appears limited due to the fact
that a lot of the risks with the design were already assessed in the Midterm report [2]. A few more subsystem
specific ones are observed here.

14.1. Risks
Establishing and evaluating the risks requires quantifying the probability of occurrence and the consequence
should that risk occur. For the purposes of this report, the evaluation is done using educated guesses and a
scale of 1 to 5. Where 1 is low probability and low consequence, while 5 is high probability and high conse-
quence. The list of risks to be analyzed is given in Table 14.1. For the remainder of this chapter, "risk conse-
quence" is going to be referred as "consequence" and "probability of occurrence" is going to be referred to as
"probability".

Table 14.1: List of risks associated with the final design

ID Component Associated risk Consequence Probability

1 Open rotor engines Blade failure 4 2
2 Open rotor engines Bird strike 3 4
3 Fuel tanks Flammability 4 2
4 Fuel tanks Pressure loss 3 3
5 Fuel tanks Difficult damage repair 3 2

14.2. Risk map
The risks and their probabilities and consequences from Table 14.1 are plotted onto a risk map Table 14.2.
As before, the top right corner (high probability and high consequence) in red should be avoided, while the
bottom left corner (low probability and low consequence) in green is favourable. Later when the risks are
mitigated, they will move closer to the favourable corner.

14.3. Mitigation
In this section, mitigation techniques are presented for the risks discussed. The risks with their mitigation
can be seen in Table 14.3. Additionally, the change of level in Consequence or probability is given.
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Table 14.2: Risk map prior to any mitigation

5

4 2

3 4

2 5 1,3

1

Probability

Consequence
1 (negligible) 2 (marginal) 3 (significant) 4 (critical) 5 (catas-

trophic)

14.4. Updated risk map
Now that the risks are mitigated in consequence and/or probability, they are plotted once again onto an
updated risk map. Although the risks discussed here appear to be limited, the ones mitigated are key for the
safety of the aircraft. And with time more and more risks will be added to the analysis.
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Table 14.3: Technical risks and associated mitigation procedures

ID Mitigation Change in
consequence

Change in
probability

1 The failing blade cannot be contained due to the lack of nacelle and it
is located close to the tail control surfaced. In order for the aircraft to
be able to withstand the impact, the control surfaces will be designed
with redundancy. They will be made out of several pieces with several
hydraulic and electric lines so that in case of a blade strike, only a
part of the component is damaged. Additionally the hydraulic and
electrical lines will be rerouted away from the impact zones.

-2 0

2 The propellers will be designed to not brake off whenever bird strikes
occur. The inspection intervals for the propellers will be reduced, so
that any structural inadequacies can be spotted. This is done easier
than a turbofan, as inspection will not require any dismantling what-
soever.

0 -2

3 The fuel tanks can be coated with a fire retardant substance on the
outside to minimize the chance of a flame occurring. Additionally
the fuel is extremely cold so that self combustion in case of a leak is
highly unlikely.

0 -1

4 Pressure loss due to a leak can cause the hydrogen to freeze at the leak
point. The consequence of that is not that high, because the freezing
hydrogen may seal the leaking hole. Redundant pressure and tem-
perature measuring devices will be put in the tank and at blow-off
valves to more reliably measure the parameters such that occurrence
is found as early as possible and preventative measures can be taken
before critical damage occurs. (i.e. emergency landing).

0 -2

5 Repairing the damages on the hydrogen fuel tank may require fuse-
lage disassembly. For a repair technique a hole on the fuselage skin
can be cut out as a temporary access point to the damaged part of the
tank. The hole can then be patched.

-1 0

Table 14.4: Risk map after mitigation

5

4

3

2 1,5 2

1 4 3

Probability

Consequence
(negligible) 2 (marginal) 3 (significant) 4 (critical) 5 (catas-

trophic)



15
Functional Analysis

In this chapter a discussion regarding the functions that the aircraft shall achieve is presented. A visualization
of the sequence of aircraft functions is provided in the form of a functional flow diagram (FFD), while the
functions are depicted in the functional breakdown structure (FBS).

15.1. Functional Flow Diagram
The FFD is given in Figure 15.1. The FFD shows the logical order of the functions which the aircraft must
perform. The functions of the aircraft are analyzed sequentially. This helps in visualizing the required actions
that need to be taken by the aircraft whilst on the ground and during flight. The maintenance of the aircraft
must also be considered as a functional requirement of the system. As can be seen on Figure 15.1, multiple
levels of functional flows are identified. The top level starts from the operations needed before flight and flows
through to the performances needed during flight and ends with operations performed after flight. Addition-
ally, on the top level the maintenance of the aircraft and the disposal of it are depicted. All top levels (L1) are
expanded (L2, L3 and L4). In the bottom right corner a legend is given for the diagram. section 15.2 restruc-
tures the functional analysis by breaking the functions down thereby ignoring the time wise distribution of
the tasks.

15.2. Functional Breakdown Structure
The FBS is shown in Figure 15.2 and shows the breakdown of the various functions that the aircraft will per-
form. This starts at the top level and is then broken down into smaller functions. Firstly, a distinction is made
between the transport of passengers and the maintenance that the aircraft must undergo. The transport of
passengers is the primary function and is thus detailed most in the FBS. This was then split into pre/post-
flight operations and the flight phase. The pre/post-flight operations have been broken down and result in
the several functions for which requirements need to be established. For example, there might be a require-
ment on the time to refuel to meet a specified turn around time. The flight phase is broken down into the
different flight profile phases, for each of these phases relevant aspects have been identified for which re-
quirements will be established. Finally, the maintenance function, which has been separated from the flight
phases, is detailed and 3 low level functions have been established.

15.2.1. System Flow Diagram

The system flow diagram has been given in Figure 15.3 and shows the interaction between various aircraft
systems.
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Figure 15.3: System Flow Diagram



16
Design overview

16.1. Efficiency
Improving efficiency is the leading goal of the entire project. As previously explained in [2], the efficiency
is defined as the energy usage during the cruise phase Ecr ui se normalized for the number of passengers
npasseng er s , the number flights n f l i g ht s and the range R. The mathematical form is

Ecr ui se

npasseng er s n f l i g ht s Rp = Esp a

([
g

Esp

1

ηtot al

CD

CL

]
mi n

c

)d (
m f uel

mpasseng er s
+ mOEW

mpasseng er s
+1

)
mpasseng er (16.1)

containing the specific energy for the fuel production Esp f p , the fuel mass m f uel , the passenger mass mpasseng er s

and the structural mass mOEW .

The fitting constants that allow for the normalization with respect to the range are given in Table 16.1b. Fur-
thermore, the scaling factor c with respect to the the specific energy Esp , the total propulsive efficiency ηtot al

and the lift-to-drag ratio L/D is given in Table 16.1a.

Table 16.1: Efficiency equation parameters

(a) Ranging parameters

Parameter Min Max Approximated range
Esp [J/kg ]1 2e7 14e7 4e7
ηtot al [-] 0.2 0.6 0.2-0.6

CL
CD

[-] 15 25 15-25

c [-] 1 35 1-10

(b) Fitting constants

Constant Value
a [-] 1.0265
d [-] 0.9475
p [-] 0.9225

The top level results together with the efficiency comparison in presented in Table 16.2. It is seen that the
design is 25% more efficient than the Airbus A320.

Table 16.2: Efficiency comparison: A320 NEO vs. HYDRA

Aircraft Range [km] EIS η0 [-] C L
C D [-] OEW [kg] FW [kg] mpax [kg] Esp [J/kg] Efficiency [J/m]

A320 NEO 5 639 2016 0.37 19.07 47000 17750 14250 4.28e7 1846
HYDRA 6 200 2030 0.40 21.50 56993 2364 16150 1.20e8 1372

Additionally, the cost conclusion as in section 13.3 suggests that a total lifecycle cost reduction of 29% is
feasible.

16.2. Payload-Range diagram
In Figure 16.1, the payload-range diagram shows the possible combinations of payload and range for the
aircraft. Indeed, the range requirement of 6200km is met, as that is where the economically interesting first

119
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part of the diagram ends [71].

Figure 16.1: Payload-range diagram

16.3. Requirement compliance
The requirement compliance matrix is presented in Table 16.3-16.4. Requirement identifier number, text
description, responsible department and status is indicated, 1 meaning a met requirement and 0 being a not
verified requirement.

Table 16.3: Compliance matrix

ID Requirement Responsible Status
TL1 The aircraft shall have a range of 6000 km. FD 1
TL2 The aircraft shall be able to accommodate at least 170 passengers. CE 1
TL3 The aircraft shall comply with the latest safety and environmental regulations. POLS 1
TL4 The aircraft shall have a efficiency increase of 20% compared to current commercial

aircraft
CE 1

TL5 The aircraft’s total life cycle cost shall be 10% less than that of the current A320 and 737 CE 1
2 The aircraft shall be ETOPS-180 regulations certified. FD, POLS 0
4 The landing gear shall be retractable. SM 1
5 The propulsion system shall provide 202 kN of thrust at sea level. PP 1
6 The aircraft shall have a minimum climb gradient of 3.2 percent in landing configura-

tion.
FD 1

7 The aircraft shall have a minimum turn rate of TBD rad/s FD 1
8 The aircraft shall have a minimum cruise speed of 0.7 Mach. AE 1
11 The aircraft shall be able to safely withstand lightning strikes. SM 0
12 The cabin shall be pressurized to a pressure altitude of 6000ft. SM 1
13 The aircraft shall be able to take off, sustain flight and land with 1 engine inoperational. FD 0
14 Maximum thrust shall be available at most 8 seconds after initial thrust application

from idle.
PP 0

16 The aircraft shall be longitudinally stable during all flight phases. FD 1
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Table 16.4: Compliance matrix-continued

ID Requirement Responsible Status
17 The aircraft shall be laterally stable during all flight phases. FD 1
18 The Auxiliary Power Unit (APU) shall provide 450 W. PP 1
20 The passenger boarding and cargo loading process shall not cause the center of gravity

to exceed the tip-over limit.
FD, POLS 1

21 The aircraft shall have a minimum ground turn radius of 22.60m. FD 0
22 The aircraft shall have emergency doors that do not need the use of the flight deck to be

operable.
POLS 1

23 The emergency exits shall comply with the CS 25.807 regulations. POLS 1
24 The aircraft shall have a maximum wing span of 36m. AE 1
25 The aircraft doors shall fit to airport jet bridges. POLS 1
26 The total cargo volume shall be at least 40 m^3. POLS, SM 1
27 The aircraft shall be able to take-off on a runway length of 2500 m at standard condi-

tions at MTOW.
FD 1

28 The noise at take-off shall not exceed 97 EPNdB according to the ICAO noise. POLS 0
29 The aircraft shall be able to land on a runway of length 1750 m at sea level and ISA

conditions and MLW
FD 1

32 At end of life 50% of the aircraft structural mass shall be recyclable/reusable. POLS, SM 0
33 The aircraft shall be able to operate in temperatures ranging from -50 to 80 degrees

Celsius.
POLS, SM 0

34 The aircraft shall be able to be evacuated in under 90 seconds with half of the emer-
gency exits accessible.

POLS 0

35 The aircraft shall have a lifetime of 20 years. POLS, SM 0
36 The aircraft shall meet the minimum reserve fuel requirement of carrying fuel to sustain

flight for 30 minutes at 1500ft
FD 1

37 The aircraft shall have an autopilot system capable of autonomous climb, cruise, de-
scent, landing and go-around.

POLS 0

38 In the event of a water landing, the aircraft shall stay afloat for a minimum of 10 min-
utes.

SM 0

39 The aircraft shall enter service in 2030. CE 1
40 The cargo hold(s) shall be able to accommodate seven LD3-45W containers. POLS 1
41 Take-off in airports at elevated altitudes, conditions different from sea-level. FD 0
42 The aircraft shall have a maximum stall speed of 90 m/s. AE 1
43 The aircraft shall have a cruise L/D of 20 AE 1
45 The aircraft shall have a CLmax of 1.3 in landing configuration AE 1
46 The aircraft shall have a CLmax of 1.1 in take off configuration AE 1
47 The aircraft shall have a CLmax of 0.6 in clean configuration AE 1
48 The propulsion system shall provide .8 * MTOW [kN] of thrust at cruise PP 1
49 The cryogenic tanks will be able to store 4670 [kg] of Liquid Hydrogen PP 1
50 The temperature in the cryogenic tank shall remain below 20 [K] PP 1
51 The aircraft engines shall have a SFC below 4.5 [mg/N*s] PP 1
52 The aircraft shall be able to refuel in 16 [minutes] PP 1
53 The engines shall be able to provide 101 [kN] reverse thrust. PP 1
56 The wing box shall be able to withstand a maximum von Mises stress of 269.5 MPa. SM 1
58 LH2 tanks must be able to withstand 0.4 MPa of pressure. SM 1
59 The fuselage shall be able to be pressurized and unpressurized TBD amount of times SM
60 The structure shall be able to provide space for the the LH2 tank SM 1
61 The aircraft structure shall be able to be serviced in regular maintenance or when mild

impact, like bird strike, occurs.
SM 0

62 The aircraft shall be inspectable. SM 0
68 The aircraft shall be able to land with a roll angle of 5 degrees FD 1
69 The aircraft shall be able to land with a pitch angle of 15 degrees FD 1



17
Future Planning

This chapter talks about the future plans of the project. Firstly, the technical design plans for the future are
discussed, following from that the overall project plan on how the HYDRA shall enter into service.

17.1. Technical design
The section discusses design methods that could not be implemented during this phase of the design, but are
to be implemented in the future. The reasons they were not implemented at this stage are mostly scheduling
and/or lack of resources. This section is also meant as suggestions for improvement for reproducing the
results obtained.

17.1.1. Aerodynamics

For future aerodynamic analysis it is suggested to examine the following:

• Verify XLFR5 results using a CFD analysis, this would allow for the initial results to be compared to
further analysis and understand any discrepancies in the analysis.

• A CFD analysis would likely also allow analysis for greater angles of attack. This would aid in the under-
standing of when exactly the wing stalls as well as a better indication of the CLmax of the aircraft as this
is currently estimated

• Model the aircraft engines such that they can be modeled for use in a CFD analysis. This will allow for
a better prediction of the drag by the engine.

• Investigate and design wingtip devices to reduce the induced drag of the outer wing. This could further
improve the aerodynamic efficiency of the aircraft.

• Investigation into active flow control to potentially further increase the amount of laminar flow over
the aircraft. Again, the aim of adding active flow control would be to improve aerodynamic efficiency
through the reduction in drag.

• Once the design has been finalized it would also be desirable to perform wind tunnel tests on the both
the selected airfoils as well as the 3D wing. This is done to validate the obtained results and ensure that
the expected performance is met during actual operations.

17.1.2. Structures

For future structural analysis, several aspects within scope of this project to be improved:

• Add in-flight load cases to the fuselage stringer design. For example loads from the empenage and
engines

• In depth landing gear design and analysis.
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• Analysis and design of windows and doors in the aircraft.

• Engine pylon design.

• Empenage structural design. Including moving parts

• HLD’s and control surfaces structural design.

• Design floors in greater detail.

• Fuselage wing box integration.

• Introduce torsional loads on the wing. This will introduce shear flows in addition to the transverse
loads, which will most likely increase the required number of stringers or require a mid spar to be in-
troduced. This will require to move the lift and drag forces to act at a location given by the Aerodynamics
department.

• Have the wing box non-symmetric. By doing so, the neutral axes will not be located at the symmetry
planes of the wing box. This way the shear centre can be moved for better torsional stiffness w.r.t. the
loads on the structure.

• Analyze types of stringers. This way different stringers can be used for the top and bottom skins. Some
stringers are good at carrying tension while others are good in compression. Such design options will
help optimize the structural weight of the wing box since the most optimized stringer for the load case
at a certain location, which can therefore be done with less material. The method will require to go into
crippling failure analysis.

• Introduce flanges on the outside of the spars. Flanges help with shear load carrying and the ones at the
front spar form the leading edge shape. By introducing flanges, less ribs will be required, helping with
better weight optimization as flanges weigh less.

• Analyze materials in more depth. By going fully or partially into composites may yield a better weight
optimized design. However, it is important to acknowledge that such options would pose difficulties
and expenses in manufacturing and maintenance.

• Analyze the weaknesses of different fastening methods (bolts, rivets, welding, etc.) imposed on the
structure and choose the most optimal one. Furthermore if holes are to be drilled, analyze the hole
spacing with respect to the loads of a given component.

17.1.3. Power and Propulsion

The detail of the analysis of the power and propulsion systems can be improved by taking the following con-
siderations.

• The thermodynamic model can be made in more detail using CFD tools. This will allow for many of the
assumptions to disappear as they will be modeled in the CFD tool.

• The heatflow calculations can also be calculated using CFD tools with the complete tank geometry
including the pipes going in and out of the tank.

• The engine weight estimation could be improved by adding more detail by analysing the weight on a
component basis.

• The sloshing barriers can be designed in more detail by moddeling the fluid and analysing the effec-
tiveness of the barriers.

• A more detailed analysis into the power required could be made, this will improve the size and weight
estimates of the APU.

17.1.4. Stability and control

• Detailed derivatives determination based on the more accurate aerodynamics analysis

• Control system analysis + control actuation
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• stability change with fuel emptying during flight

• Detailed research in the empenage- body connection

• Comparison with data from wind tunnel

17.1.5. The project

This section talks about the plans for the future of the entire project. From the end of DSE to the entry into
service in 2030. The entry into service is defined as the first aircraft to be delivered to a customer for which
the date of 02-01-2030 is selected. The reason for this date is to leave a safety margin of a year for any delays
that may occur during this phase of the project such that the entry into service date requirement can still be
met. The start of this project is selected as the first Monday after DSE Symposium - 09-07-2018.

Project plan

The plan firstly incorporates the more detailed design methods described in section 17.1. The Gantt chart
visualization of this plan can be seen in Figure 17.1.
Each technical department will be verifying their designs using more sophisticated methods (CFD, FEM, etc.).
Additionally, validation will occur in the form of a physical model being built and tested accordingly.
Moreover, when the detailed design phase is close to completion, the subsystems interaction will be observed.
This way the compatibility between the different subsystems will be established to see how the total system
behaves (i.e if the aerodynamic body provides clean airflow for the engines to generate the thrust required).
After the system is established, the manufacturing procedures will be developed. According to the materials
to be used, different methods of manufacturing may be required (press-forming stringers vs drawing). After
the manufacturing methods and procedures are established, factories need to be built or existing ones to be
adjusted for the manufacturing of the HYDRA in particular. Then prototypes will be built in order to test them
in flight. This way stability and control can be validated and certification can be obtained. After certifying
the HYDRA, mass producing can occur to start delivering on the airliners that have ordered. Along the whole
duration of the post-DSE project, the HYDRA is marketed to ensure sufficient sales and back-orders, so that
delivery can start as early as possible with as many aircraft as possible on the entry into service date of 2030.
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Figure 17.1: Gantt chart, describing the project plan from the end of DSE until entry into service date.
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Figure A.1: Wing planform
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Figure A.2: Aircraft planform



133

Figure A.3: Cargo compartment
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