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Summary

Dawn Aerospace is a startup company that is developing a commercial launch vehicle solution for
small spacecraft in the form of a reusable (sub)orbital spaceplane. This vehicle, designated Mk-II, is a
rocket-powered supersonic plane that can take off and land at regular commercial airports. The vehicle
is powered by a small bipropellant thruster which consumes the storable propellants 90% hydrogen
peroxide and kerosene. To avoid the wall frommelting, the thrust chamber is regeneratively cooled with
hydrogen peroxide. The current thrust chamber follows a traditional bimetallic design which comprises
a copper alloy liner that is placed in a high-strength closeout structure. A fundamental challenge of
the design lies in the known catalytic behavior of copper alloys with hydrogen peroxide. Therefore, a
proprietary coating must be applied on the cooling channels, to avoid direct contact between the copper
alloy and hydrogen peroxide.

The current bimetallic Mk-II thrust chamber design is labor-intensive to fabricate and features a high
part-count. For a second iteration of the thruster, Dawn Aerospace wants to investigate the use of an
integral structure, fabricated with novel additive manufacturing (AM) techniques. To develop this AM
thrust chamber, Dawn Aerospace has received a 385 k€ contract from the European Space Agency,
as a part of the Future Launcher Preparatory Programme. In this work, a preliminary design study
is provided for the AM thrust chamber. The proposed design is compared to the current, bimetallic,
thrust chamber to estimate the impact on propulsive performance, dry mass, and pressure budget.
The metal alloy that is considered for the AM thrust chamber is Inconel 718, which is selected for its
(demonstrated) chemical compatibility with highly concentrated hydrogen peroxide.

For the preliminary design of the AM Mk-II thruster, a hybrid 1-D/2-D thrust chamber analysis software
is developed. The software can be used to estimate the heat transfer in thrust chambers that rely
on regenerative cooling, film cooling, or a combination of both. Boundary conditions for the hot gas
and coolant are implemented using semi-empirical 1-D correlation. The temperature distribution in the
chamber wall is numerically resolved using the finite element method on a planar (2-D) mesh. Validation
of the model is achieved based on hydrogen peroxide film cooling experiments that are described in
the literature, as well as hot-fire tests of the regeneratively cooled Mk-II thruster.

Based on the developed model, a number of simulations are executed. All designs are operated at a
propellant mixture ratio of 8, a total mass flow rate of 1.125 kg/s, and use hydrogen peroxide for regen-
erative cooling and/or film cooling. The first simulation is based on a regeneratively cooled bimetallic
reference thruster, comprised of NARloy-Z/Inconel 718. This thruster has operating conditions that
are comparable to the Mk-II engine but should not be interpreted as the actual design used by Dawn
Aerospace. Simulations show that the maximum chamber pressure for this design is 5 MPa, which is
primarily constrained by burnout heat transfer constraints that are imposed by the hydrogen peroxide
coolant. For the AM Inconel 718 design, a chamber pressure of 2 MPa is achievable, when relying
solely on regenerative cooling. This pressure is primarily constrained by the maximum service temper-
ature of the thrust chamber. For this design, a chamber pressure of 5 MPa is in range, when a hydrogen
peroxide film coolant is injected near the wall of the thrust chamber. The film flow rate required in this
design is 10% of the total mass flow rate.

A comparison of the film-cooled AM chamber to the bimetallic reference design shows a decrease in the
vacuum specific impulse of 2.3%. From a mission-wide perspective, the design change corresponds
to a change in the available Δ𝑣 (delta-v) from 3.46 km/s to 3.38 km/s. The AM chamber without film
cooling performs slightly worse and has a total available Δ𝑣 of 3.28 km/s. When only considering the
thruster performance, it is not beneficial to replace the bimetallic design with an AM design. The primary
strength of the AM solution is that only one part is used for the thrust chamber. As a result, the total
number of sealing interfaces can be reduced by more than 50%. Moreover, the proprietary coating that
is required on the cooling channels can be mitigated, which has a positive impact on the manufacturing
cost, as well as inspection time between hot-fire tests.
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1
Introduction

The global demand for launch services for small satellites is growing rapidly. Forecasts of Euroconsult
predict that between 2018 and 2027 over 7000 spacecraft will be launched [1]. For the launcher in-
dustry, they project a revenue of 15.7 billion US$, which is almost six times higher than the 2.7 billion
US$ turnover between 2008 and 2017. The promising market opportunities that present themselves
for putting small satellites into orbit attract many aerospace start-up companies that are developing
new launch vehicles. Previous market studies include at least 25 companies that are developing small
launch vehicles in the United States [2]. On a global scale, this list is much larger and the exact length
is hard to quantify.

One of the companies that is developing a launch service solution is Dawn Aerospace, located in the
Netherlands and New Zealand. Most launch vehicles that are currently on the market are launched
vertically and discard rocket stages once they run out of propellants. The vehicle concept of Dawn
Aerospace is vastly different and based around a reusable orbital spaceplane which is propelled by
a 100 kN class liquid rocket engine. This vehicle, designated Mk-III, is designed to take off and land
horizontally from commercial airports. This way, the already existing global aviation infrastructure can
be used, rather than relying on an expensive spaceport for each mission. At most commercial air-
ports, dedicated facilities for transferring cryogenic rocket propellants, such as liquid oxygen or liquid
hydrogen, are nonexistent. The propellant combination that is used in the Mk-II vehicle comprises a
90% hydrogen peroxide solution and aviation kerosene. Kerosene fueling facilities are readily avail-
able at almost all airports, whereas hydrogen peroxide can easily be transported and stored due to its
non-cryogenic nature (per 49 CFR 173.243 transport regulations [3]).

For in-flight validation of important design features of the Mk-III spaceplane and thruster, Dawn Aero-
space has developed the Mk-II. This 280 kg vehicle is significantly smaller than the 18,000 kg Mk-
III and capable of sub-orbital flight to altitudes exceeding 100 km. The Mk-II spaceplane can also
carry payloads up to 4 kg for research in a microgravity environment. The reusable Mk-II is propelled
by a 2.5 kN class liquid rocket engine which also consumes 90% hydrogen peroxide and kerosene.
Once injected into the combustion chamber the hydrogen peroxide and kerosene react to form a hot
gas mixture, primarily consisting of carbon dioxide and water. The chemical reaction releases large
amounts of energy, which heats the hot gas to a temperature exceeding 2700 K. This temperature is
far above the melting temperature of most metal alloys.

To avoid melting of the chamber wall, cooling of the thrust chamber is required. Previous research of
the author [4] has revealed that passive cooling techniques, which include radiation cooling, ablative
cooling, thermal barrier coatings, or operation of the chamber as a heat sink are unsuitable for steady-
state operation of the Mk-II thruster. These cooling techniques simply fail to remove sufficient heat
from the structure or introduce an unacceptable increase in the subsystem dry mass. Besides, thermal
barrier coatings are known for cracking and spalling after repeated thermal cycling of the thrust chamber
[5]. This makes this design option less suitable for the Mk-II thruster, which has to survive over 100
thermal cycles without major refurbishments.

1
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Active cooling techniques on the other hand, which include regenerative cooling and film/transpira-
tion cooling, are proven to be effective in launch vehicle applications for keeping the chamber wall at
acceptable temperatures [6]. In regenerative cooling, shown schematically in Figure 1.1 on the left,
a (cold) fluid flows through cooling passages located in/around the chamber wall. This fluid absorbs
some of the heat released and cools the wall. In regeneratively cooled thrust chambers, thin walls of
high thermal conductivity, such as copper, are often preferred, which best leverage the cooling capa-
bilities of the coolant and minimize thermal strains in the structure [7]. In these structures, the coolant
and hot gas are physically separated by the chamber wall. On the contrary, in film cooled engines, the
coolant is injected near the wall inside the trust chamber. This concept is shown in Figure 1.1 on the
right in combination with regenerative cooling. The film coolant acts as an isolating barrier between the
hot gas and wall and greatly reduces the heat load to the structure [8]. Film cooling can be very effec-
tive in thrust chamber designs where the wall is constructed from a low thermal conductivity material,
such as Inconel or steel. This investigation is limited to regenerative and film cooling. Transpiration
cooling, which relies on tiny pores in the chamber wall for coolant injection, is not considered in this
work because of the complexity of fabrication1 and inspection [9].

Figure 1.1: Schematic representation of regenerative cooling (left) and a combination of regenerative and film cooling (right) in
the application of a bipropellant thruster propelled by hydrogen peroxide and kerosene.

Historically, manymanufacturing techniques have been used to create regenerative cooled liquid rocket
engines, including forging, forming, casting, machining, electroplating, and brazing [10]. A relevant
example of this is the European Vulcain engine, which is used in the Ariane 5 launch vehicle. Several
important production steps of this engine are depicted in Figure 1.2. First, the net shape of the thrust
chamber liner is realized, by machining a raw copper alloy bar. Hereafter, the cooling channels are
carved in the liner and the structural closeout is deposited, for example through electroplating. The
closeout structure is typically realized from a high-strength metal, such as Inconel or steel, thereby
creating a bimetallic structure. Lastly, flanges, coolant manifolds, thrust vectoring brackets, etc. are
attached to the thrust chamber. It is worth mentioning that the current iteration of the Mk-II thruster
also relies on a bimetallic design with a copper alloy liner. The fabrication process of the Mk-II thrust
chamber is similar to Figure 1.2. Nevertheless, noticeable differences exist in the production of the
closeout structure and interfaces near the nozzle throat, which are explained in section 1.3.

Many of the production steps shown in Figure 1.2 involve manual labor, which can greatly increase the
overall fabrication cost of the thruster. Not noted in this figure are the rigorous inspections and tests that
occur in-between different production steps or transportation of parts to/from different subcontractors,
which can both be relevant cost components. What is more, in this “traditional” production process,
a lot of waste material is created. An example of this is shown in Figure 1.2-1, where a copper alloy
bar stock is machined down on both the inside and outside according to the profile of the chamber.
The volume of the final part that is obtained represents only a small percentage of the initial volume of
1This may especially be true for additively manufactured chambers realized with the powder bed fusion process. The small pores
in the chamber wall could get clogged with excess powder, thereby blocking the pore. This is a problem that is often seen in
additively manufactured thrust chambers and explained in more detail in section 1.1.
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the bar stock. These traditional manufacturing processes have considerable flight heritage and lend
themselves excellently for the economy of scale [4]. Nevertheless, for most rocket engines, the econ-
omy of scale does not apply, making these fabrication methods costly from a monetary and schedule
perspective. This is especially true when the thruster is designed to be reusable.

Figure 1.2: Manufacturing techniques used for the production of the Vulcain thrust chamber of Ariane 5 vehicle. Images are
taken from the documentary “Mit Vollgas ins All - Die Erfolgsgeschichte der Ariane 5” produced by “Welt Nachrichten” in 2019.

1.1. Additive Manufacturing of Thrust Chambers
Nowadays, many aerospace companies, including Launcher, Orbex, Relativity Space, Rocket Lab
USA, Aerojet Rocketdyne, Avio, and Virgin Orbit consider additive manufacturing for the fabrication
of thrust chambers [4, 11]. Additive manufacturing (AM), also often referred to as 3-D printing, is a
production technique where 3-D shapes, generated on a computer, are realized by joining raw ma-
terials together. This usually follows a layer-by-layer approach, where the 3-D shape is discretized
in several 2-D blueprints. The machine fuses the material together at the designated locations, and
hereafter continues to the next layer. This process continues until the net shape of the part is realized.
Once the part is finished, it is removed from the build plate and can be post-processed. This novel
production technique lends itself excellently for mass optimization, part-count reduction, and realizing
complexly shaped parts [12]. Furthermore, on small batch sizes, AM parts often outperform traditionally
manufactured parts in terms of cost and production time [13].

The application of AM to liquid rocket engines is still an active area of research [10, 11]. Most publica-
tions in the open literature are based on thrusters that are regeneratively cooled with kerosene [14, 15],
liquid hydrogen [16], or liquid methane [17]. Yet, little to no studies consider AM applied to small hy-
drogen peroxide cooled thrusters. Unlike hydrogen, methane, and kerosene, hydrogen peroxide is a
monopropellant that can exothermically decompose in oxygen and steam. This makes the design of
cooling systems much more intricate, as explained in more detail in section 1.2. As part of the Future
Launchers Preparatory Programme (FLPP) of the European Space Agency (ESA), Dawn Aerospace
has received a contract to develop a second iteration of the Mk-II thruster as an integral AM structure.
The integral structure implies that both the closeout and thrust chamber liner are realized from one sin-
gle metal alloy. Examples from the industry are shown in Figure 1.3, for an integral superalloy design
and integral copper alloy design. Thrust chambers A and C in this illustration are designed to serve as
the main propulsion system of an orbital class launch vehicle. All thrusters shown in Figure 1.3 rely on
the combustion of liquid oxygen and kerosene.
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Figure 1.3: State-of-the-art integral additively manufactured thrust chambers in the industry propelled by liquid oxygen and
kerosene. A) Rutherford engine of Rocket Lab. B) Subscale E-1 engine of Launcher Inc. C) Full scale E-2 engine of Launcher
Inc. (reprinted from refs. [18, 19]).

The AM production process that is considered for the ESA FLPP project is laser powder bed fusion
(L-PBF). In L-PBF machines, a build plate is covered with a thin layer of metal powder in an inert
environment. A laser (heat source) is used to selectively melt the powder together to realize a net
shape. Once one layer is completed, the build plate is lowered, recoated with powder, and once again
selectively melted together. The unmelted powder provides limited support for overhang structures
and has to be removed when the build is finished. The powder removal in thrust chambers can be
very challenging, especially in the narrow cooling passages where it can easily get trapped [20]. The
aerospace startup company Launcher Inc has also shared via their public channels that three cooling
channels of their 98 kN AM thruster (shown in Figure 1.3-C) ruptured as a consequence of powder
blockage during a hot-fire test on October 2020 at NASA Stennis Space Center.

Potential powder consolidation in the cooling channels is just one of the new challenges that are intro-
duced by AM of thrust chambers. As a consequence of the layer-by-layer manufacturing method, AM
parts are typically characterized by anisotropic material properties and high residual stresses post-built
[21]. Therefore, additional heat treatments are often introduced to achieve the desired microstruc-
ture. Besides, AM parts typically have some degree of porosity [12]. In the thin-walled regenerative
cooling structure, these pores could result in some of the coolant fluid leaking into the chamber, as
demonstrated in ref. [22]. Accordingly, hot isostatic pressing is often used post-built, which aids in
the densification of the part [11]. Another major challenge of AM thrust chambers is the high surface
roughness that is achieved. This is already clearly visible when comparing Figure 1.2-A to Figure 1.3-B.
The increase in surface roughness results in a much higher pressure drop over the cooling passages,
which could greatly challenge upstream turbomachinery requirements. What is more, it is well-known
that heat transfer in hydraulically rough channels is vastly different to hydraulically smooth channels
[23–25]. Lastly, the poor surface quality in AM cooling channels could challenge the chemical compat-
ibility with the coolant, especially when reactive fluids like hydrogen peroxide are used [26].

It is worth noting that, besides L-PBF, several other AM techniques exist, such as directed energy
deposition or cold spraying. These techniques are summarized in a recent publication of the author
[11], which is co-authored by thesis supervisor Dr. Angelo Cervone, and Paul Gradl fromNASAMarshall
Space Flight Center. An abstract of this paper, which has recently been published in Acta Astronautica,
is reprinted in Appendix D. The reader is encouraged to study this paper for a more in-depth explanation
of AM applied to liquid rocket engines. In the present investigation, these different techniques are not
discussed in more detail since these are not taken into consideration for the ESA FLPP project.
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1.2. Hydrogen Peroxide in Rocketry Applications
Asmentioned before, a unique feature that distinguishes theMk-II from several other hydrocarbon liquid
rocket engines that are currently used in the industry is the fact that it uses 90% hydrogen peroxide as
an oxidizer. Compared to other common propellant combinations, the specific impulse performance of
systems operating with hydrogen peroxide (HኼOኼ) and kerosene (RP-1) is relatively low, as shown in
Table 1.1. Nevertheless, because of the high density of hydrogen peroxide, the density specific impulse
exceeds that of cryogenic alternatives, which facilitates the use of small storage tanks on-board the
spaceplane. Moreover, hydrogen peroxide and kerosene are both storable at ambient conditions, which
cannot be said for liquid oxygen (LOኼ) and liquid methane (LCHኾ). Additionally, hydrogen peroxide
provides a green alternative for commonly used propellant combinations of nitrogen tetroxide (NኼOኾ)
with unsymmetrical dimethylhydrazine (UDMH), monomethylhydrazine (MMH), or anhydrous hydrazine
(NኼHኾ), which are all highly toxic and carcinogenic.

Table 1.1: Comparison of the combustion of hydrogen peroxide and kerosene to other common hydrocarbon and storable rocket
propellant combinations. All data is evaluated at an expansion ratio of 16 and a chamber pressure of 4 MPa.

Propellants 90% HኼOኼ 98% HኼOኼ NኼOኾ LOኼ LOኼ
RP-1 RP-1 UDMH RP-1 LCHኾ

Density fuel, kg/m3 820 820 793 820 422.8
Density oxidizer, kg/m3 1388 1437 1440 1141 1141
Mixture ratio(1) 7.9 6.5 2.5 2.6 3.2
Specific impulse, sec(2) 279.9 289.3 301.3 313.5 324.2
Density specific impulse, kg s/L 360.3 377.6 352.4 322.5 262.8
Cryogenic propellants None None None LOኼ Both
Toxic propellants None None Both None None
(1) Mixture ratio for optimum specific impulse, at given pressure and expansion ratio.
(2) Specific impulse at optimum expansion, assuming shifting equilibrium flow conditions.

The use of hydrogen peroxide as a regenerative coolant in rocketry applications introduces several ma-
jor design challenges. First off, the fluid is thermodynamically unstable by nature and decomposes into
oxygen and steam over time [27]. This decomposition reaction follows the chemical reaction presented
in Equation 1.1.

𝐻ኼ𝑂ኼ → 𝐻ኼ𝑂 + 0.5𝑂ኼ (1.1)

The reaction is highly exothermic and is accompanied by an enthalpy change of −2884 kJ/kg when
liquid water and gaseous oxygen are formed from liquid hydrogen peroxide [26]. Mind the negative
sign for the enthalpy change, which implies that energy is released. Excessive decomposition of the
oxidizer in the cooling passages could result in a thermal runaway [27]. Hence, it is of paramount
importance to keep the reaction rate under control. The rate at which hydrogen peroxide decomposes
is primarily driven by temperature. Several other factors are known for impacting the decomposition
rate, which includes the surface-to-volume ratio of the channel, the surface treatment, the surface
passivation, the hydrogen peroxide concentration, and the presence of stabilizers in the propellant
[28]. Concerning surface treatment, Kuntz et al. [26] describe that: “the surface finish should be as
smooth as possible” in hydrogen peroxide applications. In AM thrust chambers, the surface finish is
generally poor whereas the surface-to-volume ratio is high2. Moreover, the fluid is operated at high
temperatures (>373K) inside the cooling passages, which increases the rate at which decomposition
occurs. At these elevated temperatures, the vapors of hydrogen peroxide can be ignitable, which may
trigger a deflagration or detonation [27].

Another fundamental design challenge lies in the poor chemical compatibility of many metal alloys with
hydrogen peroxide. On one hand, the corrosive nature of hydrogen peroxide could facilitate bronzing,
corrosion, or even dissolving of the metal alloy that is in contact with the fluid. On the other hand, the
2For reference, a cooling channel of size 1×1 mm has a surface to volume ratio of 4 cmᎽᎳ, which is much higher than typical
values (0.4-2.4 cmᎽᎳ) reported by Ventura [29] for hydrogen peroxide storage vessels.
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metal alloy may act as a catalyst or could heavily promote the decomposition reaction. Much of the
modern-day knowledge about hydrogen peroxide material compatibility dates back to research of the
FMC Industrial Chemicals Group in the 1960s [30]. In this work, several metals, ceramics, polymers,
coatings, and lubricants are submerged in concentrated hydrogen peroxide. FMC provides an exten-
sive list of metal alloys that show good chemical compatibility with hydrogen peroxide, which includes
wrought or 1000-series aluminum, tantalum, and zirconium. Several 300-series and precipitation hard-
ened stainless steel alloys are mentioned for moderate chemical compatibility when passivated before
contact with hydrogen peroxide3. Poor chemical compatibility is reported for most other (transitional)
metals, which include copper, titanium, nickel, and cobalt [30]. Schumb et al. [32] particularly mention
avoiding copper-containing alloys, as these can act as a catalyst in the decomposition reaction.

In the same time period, Kuntz et al. [26] conducted short-duration compatibility experiments with
concentrated hydrogen peroxide at temperatures up to 405 K, to assess the usability of this propellant
for regenerative cooling. They include passivated Inconel 718, Hastelloy C, Hastelloy X, and stainless
steel alloys 304, 316, and 347. They observe that all materials, except Hastelloy X, show a good short-
duration (1 hour) compatibility with only light signs of bronzing on the Inconel 718, Hastelloy C, and
347 steel test articles. It is worth noting that all these experiments are based on mirror-polished test
articles, that have a surface finish superior to AM test articles. Experience with AM alloys could not be
found in the open literature.

In this thesis, an integral thrust chamber realized from AM Inconel 718 will be investigated. This se-
lection follows from a trade-off and feasibility study described in the preceding literature study [4] and
the positive experience of Kuntz et al. at high temperatures. Other promising solutions based on the
expected chemical compatibility are tantalum and aluminum alloys. Yet, the commercial availability
of these materials for AM is much lower than Inconel 718. Additionally, sales quotes received from
several commercial partners revealed that Inconel 718 provides a very economical choice, as shown
in Table 1.2. It is important to note that all costs that are presented in this table are based on simple
rectangular test articles. Prices may differ for the production of a full thrust chamber.

Table 1.2: Comparison of cost involved for additive manufacturing of different metal alloys.

Base Alloy Density, g/cm3 Price, €/g Quotes received
Tantalum Tantalum 16.69 25.5 1
Copper CuCr1Zr 8.90 8.3-33.1 3
Copper CuNi2SiCr 8.84 8.3-28.3 2
Nickel Inconel 625 8.44 9.0-26.4 2
Nickel Inconel 718 8.22 1.9-26.9 4
Nickel Hastelloy X 8.22 9.1-27.0 2
Cobalt Co-28Cr-6Mo 8.47 29.5 1
Aluminum Scalmalloy 2.67 24.4 1

1.3. Mk-II Engine Development at Dawn Aerospace
Dawn Aerospace has already conducted several hot-fire tests with the current iteration of the Mk-II
thruster. This thruster is regeneratively cooled with hydrogen peroxide and relies on a copper alloy liner
that is placed in a cylindrical closeout structure (see also Figure 1.4-A and Figure 1.4-B). As discussed in
section 1.2, copper alloys are generally considered incompatible with concentrated hydrogen peroxide.
Therefore, Dawn Aerospace has developed a proprietary coating, which is electroplated on the surface
of the cooling channels. This way, the copper alloy is physically separated from the hydrogen peroxide.
The empty volume between the liner and cylindrical closeout in the convergent-divergent part of the
nozzle is filled with an aluminum nozzle insert, as depicted in Figure 1.4-A. Sealing between the liner,
nozzle insert, and closeout is achieved with o-rings. The concept of a nozzle insert is very similar to
the heritage Gamma engines that were used in the Black Knight launch vehicle [33].

3During passivation, the metals are treated to create a protective film on the surface, which reduces the chemical reactivity [31].
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The Mk-II engine is designed to operate in a pump-fed, closed cycle. After passing through the regen-
erative cooling channels, the hydrogen peroxide is injected into a catalytic reactor, which decomposes
the liquid in gaseous oxygen and steam. The reaction products that leave the reactor have a tempera-
ture of approximately 1019 K and are injected into the combustion chamber. Here, the hot oxygen-rich
gas mixes and reacts with the atomized kerosene. Since the decomposition temperature is far above
the auto-ignition temperature of kerosene, no separate igniter is required. This greatly simplifies the
start-up procedures.

Figure 1.4: Overview of the engine development for the Mk-II spaceplane. A) Machined copper alloy thrust chamber liner. B)
Liner integrated in structural closeout, placed on the test bench. C). Hot-fire test of the regeneratively cooled Mk-II thruster with
hydrogen peroxide and kerosene. D) Mk-II spaceplane in which the thruster is integrated.

The current design iteration of the Mk-II engine with copper alloy liner has successfully been hot-fired
with >20 starts, as depicted in Figure 1.4-C. This bimetallic engine will be used during the maiden
flight of the Mk-II vehicle (Figure 1.4-D). Although the current iteration of the Mk-II thruster works,
the production process is labor-intensive and requires skilled machine operators. Furthermore, the
proprietary plating which is used on the copper alloy liner is known for flaking off after repeated thermal
cycling of the engine (similar to a thermal barrier coating). Therefore, the engine requires a rigorous
inspection after each test and potentially re-plating. Furthermore, for simplicity of fabrication, the current
chamber design uses a cylindrical closeout structure with a two-piece nozzle insert. As a result, the total
assembly has a high part-count with many sealing interfaces. Closing off all leakage paths between the
liner, closeout, and nozzle insert has proven to be a great challenge, especially when the liner thermally
expands as a consequence of the high temperature. These deficiencies of the design could potentially
be resolved when the production process is shifted to additive manufacturing.

1.4. ESA Future Launcher Preparatory Programme
The relevance of this work is stressed by a recent contract that Dawn Aerospace received from ESA.
This FLPP contract (ESA-STS-FLP-SoW-2020-0003) has a value of 385 k€ and aims to further develop
launch vehicle technology in Europe. The work to be performed for this particular contract is shown in
Figure 1.5. Task 1 and 2 of this contract were largely discussed in the literature study conducted before
this thesis [4] and follow-up publication in Acta Astronautica [11]. This thesis is mainly focused on the
work that is required for tasks 3-6. It should be mentioned that several other full-time employees of
Dawn Aerospace work on the ESA FLPP project and that the preliminary design studies performed in
this thesis only cover a small part of a much larger work package.
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Figure 1.5: Overview of work packages of the ESA FLPP project (reprinted from ESA-STS-FLP-SoW-2020-0003).

The schedule of the FLPP project is tight, with a planned finish date in December 2021. At the end
of this project, two AM thrust chambers have to be designed, manufactured, and tested. This tight
schedule is taken into consideration in trade-offs performed in this thesis, favoring design concepts
with a high technology readiness level (TRL) over concepts with a relatively low TRL (≤6). There
are several requirements for the AM Mk-II engine that are set based on mutual agreement of ESA
specialists and the Dawn Aerospace management. These are listed in Table 1.3 and can be seen as
top-level requirements for this thesis.

Table 1.3: Top-level functional and performance requirements of the Mk-II thruster.

Identifier Description
REQ-001 The engine shall produce a thrust of at least 2300 N at sea level.
REQ-002 The engine shall produce a thrust of at least 2700 N in vacuum.
REQ-003 The engine shall have a specific impulse greater than 236.5 s at sea level.
REQ-004 The engine shall have a specific impulse greater than 273.6 s in vacuum.
REQ-005 The engine shall operate using stabilized 90% high test peroxide as oxidizer.
REQ-006 The engine shall operate using kerosene as fuel.
REQ-007 The engine shall operate at a chamber pressure between 40 and 120 bar.
REQ-008 The engine shall have a dry mass of no more than 12 kg.
REQ-009 The engine shall survive a continuous operation of no more than 300 s.
REQ-010 The engine shall survive 10 restarts with an accumulated burn time of no more than 1500 s,

without replacement of consumables.
REQ-011 The engine shall survive 100 restarts with an accumulated burn time of no more than 25000 s,

without major overhaul.
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1.5. Research Objective and Questions
The objective of this research is to compare the use of an integral additive manufactured combustion
chamber to a bimetallic chamber realized with traditional manufacturing techniques. This is achieved
by developing a model to predict steady-state thermal loading in the wall and proposing a preliminary
design solution based on customer requirements. In the developed model, both the thermal and me-
chanical loads will be investigated. In this research, the “customer” is seen as ESA, that imposes
requirements that are listed in Table 1.3. Moreover, the “integral additive manufactured combustion
chamber” refers to the AM Inconel 718 chamber, whereas the “bimetallic chamber” refers to the cur-
rent design of the Mk-II thruster. Based on the research objective, the following primary research
question is proposed:

Is it advantageous to realize the thrust chamber of a small, hydrogen peroxide cooled, rocket
engine as an integral additivelymanufactured structure, instead of a bimetallic structure created
with traditional manufacturing methods?

Especially the term “hydrogen peroxide cooled” is of paramount importance in this research question
since it greatly reduces the available design space (based on chemical compatibility). To answer the
primary research question, the following sub-questions are introduced:

1. What is the short duration compatibility of the AM alloy with 90% hydrogen peroxide?

2. Is it required to passivate the AM alloy before exposure to 90% hydrogen peroxide?

3. What is the (hydraulic) surface roughness of the AM alloy?

4. How can the steady-state thermal-mechanical loading of the thrust chamber wall be simulated?

(a) Which semi-empirical model is suitable to predict the gas-side heat transfer?

(b) Which semi-empirical model is suitable to predict the coolant side heat transfer?

(c) Can a linear elastic structural model be used to predict the stress in the wall introduced by
the combined thermal and hydraulic loads?

5. What is an adequate cooling configuration for an integral AM thrust chamber that meets customer
requirements?

(a) Which parameters constrain the feasible operating space of the thruster?

(b) Can film cooling extend the operating regime of the proposed design?

6. How does the proposed AM thrust chamber design compare to the current bimetallic thrust cham-
ber used in the Mk-II spaceplane?

(a) Which interfaces can be removed in the proposed AM design?

(b) How does the dry mass of the proposed AM design differ from the current design of the Mk-II
thruster?

(c) How does the coolant pressure drop of the proposed AM design differ from the current design
of the Mk-II thruster?

Since Dawn Aerospace is a commercial company that operates in a highly competitive environment,
data concerning thruster design or test results cannot be shared in the public domain. To answer re-
search question 6, a hypothetical “bimetallic reference” engine is proposed in this thesis. This reference
engine has a size and performance comparable to the real Mk-II engine but only exists on paper. For
validation of the developed model, experimental data of the real Mk-II engine is used and presented in
a normalized format.
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1.6. Thesis Structure
As mentioned in section 1.4, this thesis closely follows the statement of work of the ESA FLPP project
presented in Figure 1.5. First, in chapter 2, the developed numerical model is discussed. This over-
laps well with task 5 of the ESA FLPP project. The software verification steps that are performed are
touched on in chapter 3. Experimental validation of the developed model is presented in chapter 4.
Since hot-fire tests of the AM thruster for the FLPP project are planned for fall/winter 2021, no hot-fire
test data of this engine design can be included without introducing an unacceptable delay in the thesis
schedule. Data that is available and used for validation comprises hot-fire tests of the regeneratively
cooled bimetallic Mk-II thruster, hot-fire tests of hydrogen peroxide film-cooled thrusters developed by
the Korea Advanced Institute of Technology, and air flow experiments in AM cooling channels. Fur-
thermore, chapter 4 describes the results of immersion screening tests that were conducted during this
thesis. These experiments are used to validate the chemical compatibility of AM Inconel 718 with 90%
hydrogen peroxide. This data could not be found in the open literature and overlaps with task 3 of the
ESA FLPP project.

Based on the validated numerical model, chapter 5 proposes a preliminary design for the AM Mk-II
thruster, which overlaps with task 4 of the ESA FLPP project. This chapter also contains a require-
ment compliance matrix and answers the sub-questions that were listed in the previous section. The
conclusion and recommendations of this research can be found in chapter 6.

In Appendix A, a conceptual test plan that can be used during the ESA FLPP experiments is proposed.
This test plan can be linked to task 6 in Figure 1.5. This is followed in Appendix B by a description of the
engine design that is used during software verification activities. Appendix C provides additional infor-
mation about the developed simulation tool and the required user inputs. Lastly, the abstract submitted
to and accepted by Acta Astronautica is reprinted in Appendix D.



2
Numerical Model

The preliminary design of a regeneratively cooled liquid rocket engine poses a multidisciplinary prob-
lem. On one hand, the designer must have a detailed understanding of the thermal loading of the wall
and heat transfer to the coolant fluid. This services as a first measure to assess potential overheating
of either the wall or coolant fluid. On the other hand, the designer must know how mechanical stresses
evolve in the wall, to verify the structural integrity of the design. A detailed understanding of stress
and strain in the wall is also required for predicting the useful life of the thrust chamber [34]. This is
especially relevant when considering chamber designs with well-defined requirements for reusability,
such as the Mk-II thruster for the ESA FLPP project (REQ-009 to REQ-011 in Table 1.3).

Historically, 1-D, 2-D, and 3-D models have been used for predicting heat transfer and stress in the
chamber wall [35–38]. 1-D modeling techniques are powerful in terms of computational cost, but pro-
vide limited to no knowledge about the temperature distribution inside the wall. This can be problematic
when studying materials with low thermal conductivity, like AM Inconel 718. On the other hand, 2-D
planar models provide a detailed overview of the temperature field in the chamber wall and reveal
potential thermal gradients in both the circumferential and radial direction. The outputs of a 2-D con-
duction model can directly be used in a plane strain structural model, as demonstrated in ref. [39].
Lastly, 3-D models can provide the most accurate prediction of the temperature field in the wall, since
circumferential, radial, and axial conduction are considered. Yet, these methods are also associated
with the highest computational cost, making them less favorable for the preliminary design.

In the present work, a hybrid 1-D/2-D model is proposed to study the evolution of temperature and
stress in the chamber wall. Conduction and mechanical deformation are both resolved in 2-D based
on the finite element method. For the boundary conditions - the hot gas flow and coolant flow - models
with 1-D property evolution in the stream-wise direction are used. The full program, designated the
Two Dimensional Combustor Analysis Code (TDCAS), is developed in Matlab using an object-oriented
programming approach.

The structure of this chapter follows the program architecture, which is depicted in Figure 2.1. The
primary inputs in TDCAS include property databases for the hot gas, coolant, and wall (blue boxes),
as well as a set of user-defined operating conditions (yellow box). The properties of the wall material
that is studied in this thesis, Inconel 718, are obtained from ref. [40]. On the other hand, fluid models
that have been used to predict properties of the hot gas mixture and hydrogen peroxide coolant are
discussed in section 2.1. The core of TDCAS, indicated with white boxes in Figure 2.1, contains a set
of functions that are used to resolve the numerical domain and define its boundary conditions. First off,
the general techniques used for sizing the thrust chamber are explained in section 2.2. This section
is followed by an explanation of the boundary conditions that are introduced for the convective and
radiative heat transfer from the hot gas (section 2.3). Section 2.4 follows with a brief explanation of
the boundary conditions on the (regenerative) coolant side. This is followed by an explanation of the
implemented film cooling model in section 2.5. Lastly, section 2.6 briefly mentions how the boundary
conditions are used to obtain the 2-D numerical solutions in the thrust chamber wall.
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Figure 2.1: High level program architecture of TDCAS.
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2.1. Fluid Properties
To model the heat transfer in the combustion chamber, data concerning the thermophysical fluid prop-
erties is required. In the application of a regeneratively cooled thruster, two fluid domains are dis-
tinguished: the hot combustion gases and the film/regenerative coolant flow. First, subsection 2.1.1
details on the fluid properties of the hot combustion gas. Hereafter, relevant fluid property models for
the hydrogen peroxide coolant are discussed in subsection 2.1.2.

2.1.1. Combustion Gas
In the combustion chamber, the fuel and oxidizer react to form a hot gas mixture. For the combustion of
90% hydrogen peroxide and kerosene, this hot gas mixture has a temperature of roughly 2700 K. The
hot gas flow travels downstream where it enters the convergent-divergent nozzle. At the inlet of the
nozzle, the flow is typically subsonic, which means that the velocity does not exceed the local speed of
sound [7]. Downstream of the nozzle throat, which is the most narrow section in the nozzle, the flow is
supersonic. This implies that the flow velocity exceeds the local speed of sound, which is indicated by
a Mach number higher than 1 in Figure 2.2. As a result of the acceleration and expansion of the gas in
the nozzle temperature and pressure decrease. Therefore, one can expect the local gas properties in
the nozzle to deviate from the stagnation gas properties in the combustion chamber. The magnitude
of different gas properties, including density, heat capacity, specific heat ratio, viscosity, and thermal
conductivity in the nozzle are predicted using the Chemical Equilibrium with Applications (CEA) tool
[41]. CEA, developed by the National Aeronautics and Space Administration (NASA), is a validated
open-source software that predicts gas properties for a 1-D flow in a rocket nozzle. The software can
be used online in a web browser, or offline in a Matlab interface using a copy that can be obtained from
the NASA software repository (reference number MFS-33320-1). In the present work, this offline copy
with Matlab interface is used.

The main inputs that are required to run an analysis in CEA, are the chamber pressure, mixture ratio,
and propellant combination. Additionally, the user must specify the nozzle contraction ratio and expan-
sion ratio. The contraction ratio relates the cross-section area of the combustion chamber to the area
of the nozzle throat. The expansion ratio, on the other hand, represents the ratio between the nozzle
exit area and throat area. Outputs of the CEA analysis include the gas pressure, temperature, density,
average molecular weight, Mach number, specific heat at constant pressure, specific heat ratio, ther-
mal conductivity, dynamic viscosity, and mole fractions of the species in the gas. CEA also outputs
ideal performance parameters of a rocket engine, such as characteristic velocity, thrust coefficient, and
specific impulse. More on these performance parameters will be explained in subsection 2.2.4.
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In TDCAS, the hot gas properties are obtained at the injector plane, the nozzle inlet, the nozzle throat,
and the nozzle exit. In-between these four stations, the temperature, pressure, and density of the gas
are obtained from the well-known isentropic flow relations, which are presented in Equations 2.1-2.3
[42].

𝑇፨
𝑇 = 1 + 𝛾 − 12 𝑀ኼ (2.1)

𝑝፨
𝑝 = (1 + 𝛾 − 12 𝑀ኼ)

ᒈ
ᒈᎽᎳ

(2.2)

𝜌፨
𝜌 = (1 + 𝛾 − 12 𝑀ኼ)

Ꮃ
ᒈᎽᎳ

(2.3)

In these expressions, 𝑇 denotes the temperature, 𝑝 the pressure, 𝜌 the density, 𝑀 the local Mach
number, and 𝛾 the specific heat ratio of the gas. Parameters with subscript “o” represent stagnation
properties, which are obtained from CEA. The local Mach number which is used in the isentropic flow
relations is obtained from the Mach-area relation, noted in Equation 2.4 [42].

𝐴
𝐴፭
= 1
𝑀 (2 + (𝛾 − 1)𝑀

ኼ

𝛾 + 1 )
ᒈᎼᎳ
Ꮄ(ᒈᎽᎳ)

(2.4)

Since the local area ratio (𝐴/𝐴፭) is known from the geometry of the thrust chamber, the Mach number
can be obtained using an iterative calculation. The specific heat ratio which is used in Equations 2.2-2.4
is obtained from CEA as a function of the gas temperature. Figure 2.2 shows that axial variations in
the specific heat ratio are present, albeit very small. This illustration also shows the evolution of the
gas pressure and Mach number in the combustion chamber and nozzle. The engine geometry and
operating conditions are described in Appendix B.

In this work, most gas properties, including those in Figure 2.2, are based on shifting equilibrium flow.
This implies that the chemical equilibrium of the combustion reaction shifts when the gas expands in the
nozzle. As a result, the gas composition changes in the axial direction. An exception to this is the Bartz
correlation which is introduced in subsection 2.3.1. For this correlation, frozen flow transport properties
are assumed [43]. When the gas flow is said to be frozen, the chemical composition is invariant in the
axial direction. Despite the constant gas composition, transport properties still vary in the axial direction
as a function of the gas temperature.

2.1.2. Hydrogen Peroxide Coolant
The coolant that is used in the Mk-II thruster is 90% hydrogen peroxide. This implies the solution
contains 90% hydrogen peroxide and 10% water by weight. For regenerative cooling simulations in
TDCAS, the primary properties of interest are density, heat capacity, viscosity, and thermal conduc-
tivity. Additional fluid properties that are of interest for the film cooling analysis are the saturation
temperature and enthalpy change of vaporization. Before opening the discussion, it is important to
note that available data for hydrogen peroxide is very limited, compared to common cryogenic rocket
propellants like liquid hydrogen, liquid methane, or liquid oxygen. This is a major research gap that
is also mentioned for other storable propellants, such as hydrazine [44]. The best data set that could
be extracted from the open literature is presented in this section. This data set primarily consists of
experimental measurements at low temperatures and extrapolated data for higher temperatures.

Density
The density of 90% hydrogen peroxide is obtained from the work of Kuntz et al. [26], who provide a
summary of experimental density measurements between 273-466 K described in the literature. The
data points are corrected for the decomposition of the hydrogen peroxide at higher temperatures. These
measurements, which are not repeated here, are correlated using the linear approximation shown in



2.1. Fluid Properties 15

Equation 2.5. In this expression, and all others mentioned in this section, temperature (𝑇) is inserted
in Kelvin and density (𝜌) is obtained in kg/m3. The linear density approximation is correlated with a
relative standard error of 0.51%.

𝜌 = 1709 − 1.08𝑇 (2.5)

Heat Capacity
The heat capacity (𝑐፩) of 90% hydrogen peroxide is described in the work of Ahlert and Younts [45]
and based on experiments with fluid temperatures up to 464 K. They linearly correlate the data using
Equation 2.6, which is reported to have an accuracy better than 2%. In this correlation, the heat capacity
is obtained in J/(kgK).

𝑐፩ = 2510 + 0.883𝑇 (2.6)

Dynamic Viscosity
For the dynamic viscosity (𝜇) of 90% hydrogen peroxide, the data documented by Kuntz et al. [26] is
used. This data set summarizes experimental measurements in the literature at temperatures ≤323 K
as well as extrapolated data of Rocketdyne up to 436 K. This particular data set is depicted in Figure 2.3
with the circular markers. In the present work, an exponential curve is fitted through this data set, which
extrapolates the viscosity to even higher temperatures. This trend line follows Equation 2.7 and outputs
the dynamic viscosity in centipoise as a function of the temperature in Kelvin. The function is fitted with
a relative standard error of 2.25%.

𝜇 = 6.54 ⋅ 10ዅኼ exp( 494.95
𝑇 − 125.77) (2.7)

One may observe from Figure 2.3 that Equation 2.7 agrees well with measurements and extrapolated
data provided by Kuntz et al. In practice, the hydrogen peroxide regenerative coolant is not operated
above 408 K, which lies well within the data set of Kuntz et al.
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Thermal Conductivity
The last transport property that is required to describe the hydrogen peroxide heat transfer character-
istics is the thermal conductivity (𝜆). Kuntz et al. [26] present experimental data for 98.2% hydrogen
peroxide at 273 K and 298 K and 50% hydrogen peroxide at 298 K. Measurements for 90% hydrogen
peroxide could not be found in the open literature, although it is expected that these values are similar to
98.2% hydrogen peroxide. Provided the absence of measurements at higher temperatures, Kuntz et al.
estimate the thermal conductivity of 98.2% hydrogen peroxide up to the critical temperature, as listed
in Table 2.1. For this prediction, they use the thermal conductivity of water, which is well described in
the literature1. In their model, they divide the temperature and conductivity of water by corresponding
values at the critical point, thereby obtaining 𝑇/𝑇፜፫።፭ and 𝜆/𝜆፜፫።፭. These parameters are also known
as the reduced fluid properties. Since hydrogen peroxide is a water-like fluid, they assume that the
reduced property curves of water also hold for hydrogen peroxide. Based on the reduced property
curve of water and measured thermal conductivity at 273 K and 298 K, they estimate the critical ther-
mal conductivity of 98.2% hydrogen peroxide. Combined with the known critical temperature of 98.2%
hydrogen peroxide, the temperature-dependent thermal conductivity is found, as shown in Table 2.1.

It is worth noting that a similar technique for estimating the thermal conductivity of 98.2% hydrogen
peroxide is mentioned by Constantine and Cain [28]. Values published in this piece of literature agree
well with the method of Kuntz et al. at temperatures below 300 K but diverge at higher temperatures.
Nevertheless, differences between the two simulations are small. For instance, at a temperature of 400
K, the data of Constantine and Cain shows a thermal conductivity which is 12% lower than the model of
Kuntz et al. In this investigation, the extrapolation approach described in the previous paragraph was
repeated, which showed an overall better match with the model of Kuntz et al. Therefore, this data set
is used throughout the remainder of this work.

Table 2.1: Thermal conductivity of 98.2% hydrogen peroxide and water up to the critical temperature (hydrogen peroxide data
from ref. [26] and NIST).

T, 𝜆ፇᎴፎᎴ , 𝜆ፇᎴፎ, T, 𝜆ፇᎴፎᎴ , 𝜆ፇᎴፎ,
K mW/(mK) mW/(mK) K mW/(mK) mW/(mK)
273(1) 555.6 561.0 478 733.8 660.9
278 559.0 568.6 500 726.9 644.8
298(1) 586.7 607.2 544 699.2 594.5
322 630.0 642.4 566 678.4 559.8
345 664.6 663.9 589 654.2 519.1
366 694.0 676.6 611 624.8 474.7
389 714.8 682.6 633 591.9 425.7
411 728.6 683.5 655 552.1 —
433 737.3 680.0 678 510.6 —
455 739.0 672.5 727 249.2 —

Saturation Temperature
The liquid-vapor equilibrium for 90% hydrogen peroxide is obtained from the work of Constantine and
Cain [28] and shown in Figure 2.4. Constantine and Cain document the saturation pressure based
on experimental findings of Scatchard et al. [46] up to 363 K and extrapolate this data to the critical
temperature. The corresponding curve is based on the assumption that the hydrogen peroxide solution
is homogeneous and that a single boiling point exists. For reference, the liquid-vapor equilibrium of pure
water is also shown, with data obtained from the open-source databases of NIST. The region below the
saturation curves represents the liquid phase of the fluid, whereas the region above the saturation curve
corresponds to the gaseous phase. The upper end of the liquid-vapor equilibrium curve is bounded
by the critical point, which is estimated at a pressure of 24.5 MPa and temperature of 718 K for 90%
hydrogen peroxide [27]. At temperatures and pressures which exceed critical conditions, the fluid is
said to be supercritical. Based on the current design of the Mk-II thruster, it is reasonable to assume
that neither the hydrogen peroxide film coolant nor regenerative coolant is operated in the supercritical
phase.
1For example in the open online databases of the National Institute of Standards and Technology (NIST).
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Figure 2.4: Liquid-vapor equilibrium of 90% hydrogen peroxide and water (data from refs. [28, 47, 48] and NIST).

Several pieces of literature [47, 48] also describe an “explosive vapor range” close to the boiling point,
which marks a range in which the hydrogen peroxide vapor is ignitable. It is stressed that hydrogen
peroxide is not explosive (for instance, like gun powder), but it can rapidly decompose at elevated
temperature. Davis et al. [27] note that in the explosive range, the presence of an ignition source
can trigger a self-accelerating decomposition reaction of the vapor which may result in deflagration or
detonation.

The limit temperature at which an ignitable vapor composition is achieved is experimentally determined
by Satterfield et al. [48] at pressures between 6.9 and 690 kPa and shown with the dashed line in
Figure 2.4. This pressure range is extended up to 7 MPa in the work of Monger et al. for 90% hydrogen
peroxide. Results of their experimental work are also shown in Figure 2.4, with crosses indicating
measurements where vapor ignition was achieved. These results show a fair agreement with the work
of Satterfield et al.

Interestingly, both data sets are located below the liquid-vapor saturation curve of 90% hydrogen per-
oxide. Therefore, it is expected that decomposition occurs upon vaporization of the hydrogen peroxide,
provided that an ignition source is present. A similar observation is posed by Cai et al. [49], who men-
tion a fast, self-sustaining decomposition of hydrogen peroxide upon boiling. According to Corpening
et al. [50], this “fast” decomposition of 90% hydrogen peroxide vapor is characterized by a concen-
tration half-life of approximately 1 ms. The heat that is released in the decomposition reaction further
accelerates the vaporization rate, a concept that will be explained in more detail in section 2.5. It is
expected that the ignitable vapor limit is only associated with vapor phase decomposition and not with
liquid phase decomposition. Experiments at high temperatures are required to validate this hypothesis.

Enthalpy Change of Vaporization
The last fluid parameter required in TDCAS is the enthalpy change, or heat, of vaporization (Δ፯𝐻). This
parameter represents the amount of energy that must be added to the fluid to achieve a liquid-gas
phase change. The required heat to vaporize a substance reduces with increasing temperature and is
zero at the critical point. Kuntz et al. [26] provide an overview of the calculated heat of vaporization of
anhydrous hydrogen peroxide at temperatures between 273 K and 423 K. This data originates from a
publication of Becco and is shown in Figure 2.5 on the right with square markers. Foley and Giguère
[51] report a heat of vaporization of 1549.8±0.8 kJ/kg at 273 K, which agrees well with the data set of
Kuntz et al. A correlation that relates the heat of vaporization of anhydrous hydrogen peroxide to the
temperature is mentioned in the work of Heo [52] and Kang [53] and shown in Equation 2.8.
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Δ፯𝐻ፇᎴፎᎴ = 0.021066𝑇ኼ − 25.817𝑇 + 18412 (2.8)

Notice that the heat of vaporization in this expression is obtained in cal/(gmol), as a function of the
temperature in ∘C. No validity range is provided for this expression. Equation 2.8 is also plotted in
Figure 2.5 as a function of the reduced temperature. One can immediately see this expression cor-
relates poorly with data of Kuntz et al. What is more, the slope is unclear and tends to flatten near
the critical point. A further investigation in the literature revealed that Equation 2.8 is also mentioned
by Schumb et al. [54], who also highlight an overpredictive trend compared to experimental measure-
ments. Schumb et al. state that the equation is best used at temperatures moderately above 298 K
(reduced temperature of 0.41) which could explain the unclear trend near the critical point.

0.3 0.4 0.5 0.6 0.7 0.8 0.9 1

Reduced temperature, -

0

500

1000

1500

2000

2500

E
n
th

a
lp

y
 c

h
a
n
g

e
 o

f 
v
a
p

o
ri
z
a
ti
o
n

, 
k
J
/k

g

Water (data NIST)

Hydrogen peroxide (data Kuntz)

Water (quadratic fit)

Hydrogen peroxide (extrapolation)

Hydrogen peroxide (correlation Heo)

250 300 350 400 450 500 550 600 650 700

Temperature, K

0

500

1000

1500

2000

2500

E
n
th

a
lp

y
 c

h
a
n
g

e
 o

f 
v
a
p

o
ri
z
a
ti
o
n

, 
k
J
/k

g

Water (quadratic fit)

Hydrogen peroxide (extrapolation)

Hydrogen peroxide (data Kuntz)

Figure 2.5: Enthalpy change of vaporization for anhydrous hydrogen peroxide and water (data from refs. [26, 55] and NIST).

In the present investigation, the enthalpy change of vaporization for hydrogen peroxide is estimated
based on reference data for water and the data points of Kuntz et al. The reference data for water,
illustrated with the circular markers in Figure 2.5, is obtained from the database of NIST. A quadratic
trend line is fitted through the data points for water in the reduced temperature interval 0.44 to 0.9. To
estimate the enthalpy change of vaporization for hydrogen peroxide, this curve is translated tomatch the
data set of Kuntz et al. Hereafter, the reduced temperatures are multiplied with the critical temperature
of anhydrous hydrogen peroxide (assumed to be 730 K, [27]), to obtain the curve shown in Figure 2.5
right. This estimated curve follows Equation 2.9,

Δ፯𝐻ፇᎴፎᎴ = −0.0086𝑇ኼ + 4.99𝑇 + 790.19 (2.9)

where the heat of vaporization is obtained in kJ/kg and temperature inserted in Kelvin. The estimated
curve agrees well with data presented by Kuntz et al. and approaches zero with increasing tempera-
ture. The temperature range for which this curve is estimated is 321-657 K. For the preliminary design
considered in this report, the estimated enthalpy change of vaporization noted in Equation 2.9 is used.

2.2. Thrust Chamber Sizing and Computational Domain
In TDCAS, the geometry of the thrust chamber and integrated cooling channels are automatically calcu-
lated. This section provides a brief overview of the most important calculations involved in this process;
for a detailed description of all required user inputs, the reader is referred to Appendix C. The reference
frames that are used for sizing the thruster and in the numerical model are briefly discussed in subsec-
tion 2.2.1. Hereafter, subsection 2.2.2 describes how the thrust chamber contour is generated. This
is followed by a description of the structured mesh of the chamber wall, which is used in all 2-D finite
element analyses (subsection 2.2.3). Lastly, subsection 2.2.4 touches on the performance estimation
models that are implemented in TDCAS.
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2.2.1. Reference Frames
In TDCAS, both the cylindrical and Cartesian coordinate systems are used, as illustrated in Figure 2.6.
The cylindrical reference frame (𝑟,𝜃,𝑧) is used for describing the cooling channel and engine geome-
tries. The origin of the reference frame is placed at the injector plane, with the 𝑟 direction pointing
towards to fuel inlet port of the injector (not shown in Figure 2.6). Also shown in the picture are the
nozzle inlet plane, nozzle throat plane, and nozzle exit plane, which are frequently mentioned in the
discussion in this report.

Figure 2.6: Cartesian and cylindrical coordinate system and placement with respect to the thrust chamber.

The 2-D Cartesian coordinate system (𝑥,𝑦) is used for all planar finite element computations of the wall.
The origin of this axis system is located at the centerline of the thrust chamber, which aligns with the
𝑧-axis of both the cylindrical coordinate system and Cartesian coordinate system.

2.2.2. Thrust Chamber Contour
Based on the propellant mixture ratio, chamber pressure, and propellant combination that the user
enters in TDCAS, the cross section area of the nozzle throat (𝐴፭) is calculated, using Equation 2.10.
Since the chamber has a circular geometry, the geometrical throat radius (𝑟፭) can directly be derived
from the throat area.

𝐴፭ =
(𝑐∗)፞፟፟ ⋅ 𝑚̇

𝑝፨
(2.10)

In Equation 2.10, (𝑐∗)፞፟፟ represents the effective characteristic velocity, 𝑚̇ the total mass flow rate in the
chamber, and 𝑝፨ the nozzle stagnation pressure. The characteristic velocity is uniquely defined for a
given gas composition and could be seen as ameasure for combustion performance. The characteristic
velocity can be obtained from Equations 2.11 and 2.12 [7].

(𝑐∗)፞፟፟ = 𝜂፜ ⋅ 𝑐∗ (2.11)

𝑐∗ = √
𝑅 ⋅ 𝑇፨

𝑀ፖ ⋅ 𝛾 (
᎐ዄኻ
ኼ )

ᎳᎼᒈ
ᎳᎽᒈ

(2.12)

One may notice that Equation 2.12 follows directly from ideal rocket theory. In the above-mentioned
expressions, 𝜂፜ denotes the characteristic velocity quality factor, 𝑅 the universal gas constant, 𝑇፨ the
nozzle stagnation temperature, 𝑀ፖ the molar mass of the hot gas, and 𝛾 the specific heat ratio of the
gas. The latter three properties are all obtained fromCEA. From Equation 2.12, one can conclude that a
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light gas mixture (low𝑀ፖ) or high combustion temperature facilitates a high characteristic velocity. The
molar mass depends on the gas composition, which is directly related to the propellants that are used
(kerosene and hydrogen peroxide in the Mk-II), as well as the temperature. The stagnation temperature
is related to the energy that is released by the chemical reaction in the combustion chamber, which
can also be related to the propellant combination and mixture ratio. When the combustion process is
ideal, which implies no losses in the energy release, 𝑇፨ is also often referred to as the adiabatic flame
temperature. An example of the ideal characteristic velocity of common hydrocarbon and storable
propellant combinations considered in the introduction of this report is shown in Figure 2.7. Curves in
this plot are obtained from an analysis in CEA, assuming shifting equilibrium flow conditions and a unity
characteristic velocity quality factor.
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Figure 2.7: Ideal characteristic velocity of hydrogen peroxide-kerosene mixtures compared to frequently used storable and
hydrocarbon propellant combinations. All data is based on a chamber pressure of 4 MPa and shifting equilibrium flow conditions.

In reality, the combustion reaction is almost always associated with finite losses. In this investigation,
these losses are captured in the introduced quality factor. The characteristic velocity quality factor is
mainly driven by losses in the injection, atomization, and mixing of the propellants [56]. This results
in an incomplete energy release. For a well-designed thruster, Huzel and Huang [7] report that 𝜂፜ is
typically between 87% and 103%2. Sutton [57] on the other hand reports a typical value for 𝜂፜ >95%.
The exact value taken for the characteristic velocity efficiency follows from experiments in the Mk-II
thruster, which are described in subsection 4.3.2.

After defining the throat area, TDCAS determines the cross-section area at the exit plane of the nozzle
(𝐴፞), based on Equation 2.13 [7]. This expression relates the earlier introduced chamber pressure and
specific heat ratio, as well as the static pressure gas at the nozzle exit plane (𝑝፞), to the nozzle area
ratio. The latter term is also often referred to as the expansion ratio of the nozzle. In TDCAS, the nozzle
exit pressure is a user input.

𝐴፞
𝐴፭
=

( ኼ
᎐ዄኻ)

Ꮃ
ᒈᎽᎳ (፩ᑠ፩ᑖ )

Ꮃ
ᒈ

√᎐ዄኻ
᎐ዅኻ (1 − (

፩ᑖ
፩ᑠ
)
ᒈᎽᎳ
ᒈ )

(2.13)

2The exact reason for the efficiency greater than 100% is not given in the original piece of literature, but it is expected that this
is caused by the definition of the ideal characteristic velocity (Equation 2.12). The molar mass, specific heat ratio, and flame
temperature that are used in this expression are subjected to several simplifying assumptions in CEA. Furthermore, the analysis
settings may impact the solution. For instance, when combusting 90% hydrogen peroxide and kerosene at a chamber pressure
of 4 MPa and mixture ratio of 8, a shifting equilibrium flow analysis provides an ideal characteristic velocity of 1602 m/s, whereas
a frozen flow analysis provides a characteristic velocity of 1579.2 m/s.
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Based on the geometry of the nozzle at the throat and exit plane, the contour of the nozzle can be
calculated. In TDCAS a parabolic nozzle contour is used. Sizing parameters of this parabolic curve
are obtained from the work of Rao [58], who studied nozzle contours that optimize the thrust output.
The length of the nozzle, defined as the distance between the throat plane and exit plane, is set to 80%
of a conical nozzle with 15° half angle. This provides a good balance between divergence losses and
dry mass [57].

The geometry of the thrust chamber upstream of the throat, i.e. the cylindrical/barrel chamber sec-
tion and nozzle convergent section, is obtained from the empirical characteristic length (𝐿∗). One may
envision the characteristic length as a parameter that determines how long propellants remain in the
combustion chamber. If the characteristic length is too short, propellants may not come to complete
combustion, resulting in a reduction in the characteristic velocity. On the other hand, a large charac-
teristic length increases the chamber mass and results in more heat being transferred to the coolant.
The volume of the combustion chamber (𝑉፜) can be obtained as a function of the characteristic length
and throat area, as shown in Equations 2.14 and 2.15 [7].

𝑉፜ = 𝐿∗ ⋅ 𝐴፭ =
𝐿∗ ⋅ 𝑐∗ ⋅ 𝑚̇

𝑝፨
(2.14)

𝑉፜ = 𝜋𝑟ኼ፜ 𝐿፜ + 𝑉፜፨፧ (2.15)

In these expressions, 𝑟፜ denotes the chamber radius, 𝐿፜ the length of chamber barrel (see also Fig-
ure 2.6), and 𝑉፜፨፧ the volume of the cone-shape convergent section of the nozzle. The optimal charac-
teristic length for a thrust chamber depends on many parameters, including the propellant combination,
injector configuration, and chamber geometry. For 90% hydrogen peroxide and kerosene, a wide range
of values for characteristic length is reported in the open literature. Cong et al. [59] achieve good re-
sults at a characteristic length of 0.8 m. The injector configuration that is used is not mentioned in the
publication. Jo et al. [60] use an axial (showerhead) injector and find no obvious improvements when
the characteristic length exceeds 1.07 m. A slightly higher value of 1.34 m is used by Heo [52], who
also uses an axial injector. Axial injectors are simple in design, but provide relatively poor atomization
and mixing performance compared to more advanced designs, such as a coaxial swirl injector or self-
impinging doublet/triplet injector [7]. For the proposed AM Mk-II thruster, a characteristic length of 0.6
m is used. This follows from positive test experience at Dawn Aerospace with the current propellant
injector design.

2.2.3. Mesh Generation
The mesh that is used in TDCAS consists of a 2-D (cross-section) representation of a channel-cooled
thrust chamber. This geometry is described by an inner wall with thickness 𝑡፰, a channel with width
𝑐፰ and height 𝑐፫, and closeout with thickness 𝑡፰. Other parameters that are required to define the
geometry are the number of cooling channels 𝑁 and internal chamber radius 𝑟, as depicted in Fig-
ure 2.8. Instead of modeling the full cross-section of the thrust chamber, TDCAS makes smart use of
the symmetry planes in the structure. Therefore, only half a cooling channel is numerically resolved,
with symmetry boundary conditions on the edges (as illustrated in Figure 2.8). This modeling concept
is similar to that of ref. [39] and greatly reduces the computational cost. In TDCAS, the cooling channel
geometry is inserted at discrete user-specified locations. In-between these locations, the geometry is
obtained through linear interpolation.

The cooling channel definition (𝑁, 𝑐፰, 𝑐፫, 𝑡፰, and 𝑡፜፥) that is inserted by the user is converted to a
structured, quadrilateral mesh with piece-wise linear elements. The mesh is automatically generated
by TDCAS and can be refined with a user-defined refinement factor. This factor scales the maximum
number of nodes that TDCAS is allowed to use for the mesh. By default, a mesh refinement factor of
1 is used in TDCAS.
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Figure 2.8: Structured quadrilateral planar mesh that is automatically generated by TDCAS.

The second parameter that controls the total number of nodes and elements, is the axial mesh spacing
(Δ𝑧). This parameter is also user-defined, and controls the distance of each planar mesh, as depicted
in Figure 2.9. By default, a 2 mm axial spacing is used in TDCAS, which provides a good balance
between accuracy and computational cost. A more in-depth explanation of the mesh refinement factor
and axial spacing is provided during the mesh refinement study, which can be found in section 3.1.

Figure 2.9: Thrust chamber resembled by planar mesh elements with uniform (coarse) spacing ጂ፳.

2.2.4. Performance Estimation
To verify compliance with customer requirements REQ-001 to REQ-004 in a later part in this report, a
performance estimation module is implemented in TDCAS. The overall thruster performance is mea-
sured in specific impulse (𝐼፬፩), as shown in Equation 2.16. The specific impulse is measured in seconds
and a function of the characteristic velocity (𝑐∗), thrust coefficient (𝑐ፅ), and gravitational acceleration at
sea level (𝑔ኺ).

𝐼፬፩ =
(𝑐ፅ)፞፟፟ ⋅ (𝑐∗)፞፟፟

𝑔ኺ
(2.16)

The effective thrust coefficient which is introduced in this expression can be seen as a measure for the
ability of the nozzle to generate thrust. The thrust coefficient follows from Equations 2.17 and 2.18 and
is a function of a quality factor (𝜂ፅ), the thrust force (𝐹), the chamber pressure (𝑝፨), and the nozzle
throat area (𝐴፭).
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(𝑐ፅ)፞፟፟ = 𝜂ፅ ⋅ 𝑐ፅ (2.17)

𝑐ፅ =
𝐹

𝑝፨ ⋅ 𝐴፭
(2.18)

When applying ideal rocket theory, the thrust coefficient may also be written as a function of the gas
specific heat ratio (𝛾), the chamber pressure (𝑝፨), the nozzle exit pressure (𝑝፞), the local atmospheric
pressure (𝑝ፚ), and the nozzle expansion ratio (𝐴፞/𝐴፭), as shown in Equation 2.19 [7].

𝑐ፅ = √
2𝛾ኼ
𝛾 − 1 (

2
𝛾 + 1)

ᒈᎼᎳ
ᒈᎽᎳ

(1 − (𝑝፞𝑝፨
)
ᒈᎽᎳ
ᒈ
) + 𝐴፞𝐴፭

(𝑝፞ − 𝑝ፚ𝑝፨
) (2.19)

The (ideal) thrust coefficient is mainly dependent on the flow and expansion in the nozzle and to a
lesser extend on the combustion process. The first term in Equation 2.19 is also known as the thrust
coefficient for optimal expansion. A condition for optimal flow expansion is achieved when the pressure
at the nozzle exit is equal to the local atmospheric pressure. When the nozzle exit pressure exceeds
the local atmospheric pressure, the flow is said to be under-expanded. On the other hand, an exit
pressure much lower than the atmospheric pressure results in an over-expanded flow.

From Equation 2.19, one may conclude that a high nozzle pressure ratio (𝑝፨/𝑝፞) is beneficial for achiev-
ing a high thrust coefficient. Furthermore since the thrust coefficient, and thus specific impulse, changes
with atmospheric pressure, there exists an altitude at which the expansion is optimal3. The altitude of
optimal expansion follows from the defined nozzle exit pressure, which is typically based on optimiza-
tion of the ascent profile of the vehicle. A nozzle exit pressure of 1 atm results in optimal expansion
at sea level but may introduce major performance losses due to over-expansion of the flow at higher
altitudes/in vacuum. This is clearly visible in Figure 2.10 on the left. On the other hand, when the
nozzle exit pressure is too low, severe over-expansion with potential flow separation may occur at sea
level [61]. In the absence of a detailed ascent trajectory simulation, it is assumed that the spaceplane
spends 1/3 of its flight in the lower atmosphere (near sea level) and 2/3 of its flight in the upper at-
mosphere (near vacuum). Based on this assumption, the weighted specific impulse is calculated, as
shown in Figure 2.10 on the right. In this investigation, the nozzle exit pressure is set to 65 kPa, which
provides a good balance between sea level and vacuum performance whilst avoiding flow separation.
It is recommended to revisit this value when detailed ascent trajectory simulations are available.
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Figure 2.10: Vacuum and sea level specific impulse as a function of the exit pressure. All data is based on the combustion of
90% hydrogen peroxide and kerosene, at a mixture ratio of 8, assuming shifting equilibrium flow conditions. Weighted specific
impulse is the sum of 1/3 the sea level specific impulse and 2/3 the vacuum specific impulse.

3Provided that the nozzle has a fixed geometry. For altitude-adaptive nozzles, such as an aerospike, this is not a concern.
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Similar to the characteristic velocity, a quality factor is introduced to correct for non-ideal performance.
This quality factor is experimentally obtained from the thrust coefficient, as a function of the measured
thrust, chamber pressure, and known throat area. In the absence of experimental data for a particular
thruster design, designers may rely on typical values that are provided in the literature. For a well-
designed thruster, Huzel and Huang [7] report that 𝜂ፅ is typically between 92% and 100%. On the
other hand, Sutton [57] documents a typical value for 𝜂ፅ >90%.

So far, the discussion assumes no presence of a film coolant in the combustion chamber. Several
experimental studies [52, 62, 63] have demonstrated that it is very reasonable to expect a moderate
to high performance reduction when a film coolant is used. This mainly translates itself into a loss in
characteristic velocity. To estimate these losses, a model introduced by Berman and Andrysiak [64]
is used, which is shown in Equation 2.20. This model assumes that the combustion chamber can be
divided into two distinct zones that operate at a different mixture ratio: a hot core flow and a cold film
coolant flow near the chamber wall.

𝑐∗ = 𝜔𝑐∗፜፟ + (1 − 𝜔)𝜂፜𝑐∗፠ (2.20)

In Equation 2.20,𝜔 denotes the film cooling fraction, which represents the ratio between the film coolant
mass flow rate and total mass flow rate. Subscript “cf” denotes the film coolant properties, whereas
subscript “g” denotes the core stream properties. One must pay special attention that the total mass
flow rate includes contributions from the oxidizer and fuel in the core flow, as well as the film coolant.
The characteristic velocity of the core stream (𝑐∗፠) is evaluated at the core mixture ratio (𝑀𝑅፠), which
follows from Equations 2.21 and 2.22.

𝑀𝑅፠ =
(𝑚̇፨፱)፠
𝑚̇፟፮

= 𝑀𝑅 − 𝜔(𝑀𝑅 + 1) (2.21)

𝑀𝑅 = 𝑚̇፨፱
𝑚̇፟፮

=
(𝑚̇፨፱)፠ + 𝑚̇፜፟

𝑚̇፟፮
(2.22)

The validity of these expressions extends to the use of the oxidizer as a film coolant; a different result
is obtained when the film coolant comprises the fuel. The total mixture ratio (𝑀𝑅) is a function of the
oxidizer mass flow rate (𝑚̇፨፱), the fuel mass flow rate (𝑚̇፟፮) and the film flow rate (𝑚̇፜፟). Without the
presence of a film coolant, the film cooling fraction is zero and the core mixture ratio is equal to the total
mixture ratio. Under the presence of a film coolant, the core mixture ratio decreases. This has a direct
impact on the characteristic velocity, as can be seen in Figure 2.7.

The last parameter that is required for solving Equation 2.20 is the characteristic velocity of the film
layer. Similar to the core flow, this parameter is a function of the local mixture ratio, which depends
on the mixing of the core flow with the film layer. In the present investigation, it is assumed that the
(hydrogen peroxide) film coolant does not react with the core stream, but does fully decompose in
oxygen and steam. As a result, the characteristic velocity of the film is taken as 935 m/s, which fol-
lows from CEA for the decomposition reaction of 90% hydrogen peroxide. Since mixing with the core
stream is neglected, this likely presents a conservative estimate for the performance. The validity of
this simplifying assumption is investigated in subsection 4.2.3.

2.3. Hot Gas Heat Transfer
At the center of the thrust chamber, the core stream moves at a high velocity and has a high tem-
perature. At the (stationary) wall of the chamber, the gas velocity is zero and the gas temperature is
equal to the temperature of the wall (𝑇፰). These large gradients introduce a thin velocity and temper-
ature boundary layer, which is schematically shown in Figure 2.11. The exact temperature profile in
the boundary layer is governed by conduction heat transfer and frictional dissipation [42]. Because a
temperature gradient exists in the fast-moving boundary layer, a heat flow will be present. This heat
flow, also known as convection, is directed from the hot gas to the (colder) wall and is one of the driving
thermal loads in the thrust chamber. The convective heat transfer models that are used in TDCAS are
discussed in subsection 2.3.1.
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Figure 2.11: Schematic representation of thermal boundary layer in a rocket engine.

Besides convection, the hot gas also emits heat in the form of thermal radiation (𝑞፫ፚ፝). Although the
radiative heat transfer in thrust chambers is typically an order of magnitude smaller than convective
heat transfer [57], it is still included in this report in subsection 2.3.2 for completeness.

Before entering the discussion, three dimensionless constants are introduced: The Nusselt number,
the Reynolds number, and the Prandtl number. The Nusselt number, shown in Equation 2.23, is a
function of the earlier introduced heat transfer coefficient (𝛼), thermal conductivity (𝜆), and hydraulic
diameter (𝐷፡). This constant relates the convective heat transfer to the conductive heat transfer.

𝑁𝑢 = 𝛼 ⋅ 𝐷፡
𝜆 (2.23)

The hydraulic diameter equals four times the flow area, divided by the perimeter of the conduit. The
Reynolds number, presented in Equation 2.24, relates the inertial forces in the fluid to the viscous
forces. This parameter is a function of the bulk flow velocity (𝑣), fluid density (𝜌), hydraulic diameter
(𝐷፡), and dynamic viscosity (𝜇).

𝑅𝑒 = 𝜌 ⋅ 𝑣 ⋅ 𝐷፡
𝜇 (2.24)

The Prandtl number, shown in Equation 2.25, relates the frictional dissipation to the thermal diffusivity.
This parameter is a function of the thermal conductivity (𝜆), heat capacity (𝑐፩), and dynamic viscosity
(𝜇), which are uniquely defined for a fluid at a given temperature and pressure.

𝑃𝑟 =
𝑐፩ ⋅ 𝜇
𝜆 (2.25)

Equations 2.23 to 2.25 are not only relevant for the hot gas heat transfer, but also for the regenerative
cooling and film cooling models introduced later in this report.

2.3.1. Convection
In its most general one-dimensional form, the heat that is transferred through convection can be calcu-
lated using Equation 2.26, which is also known as Newton’s law of heating and cooling.

𝑄 = 𝛼 ⋅ 𝐴 ⋅ (𝑇፫፞፟ − 𝑇፰) (2.26)

In Equation 2.26, 𝛼 denotes the heat transfer coefficient, 𝐴 the area over which heat is being transferred,
𝑇፫፞፟ the reference temperature of the hot gas, and 𝑇፰ the wall temperature. The reference temperature
is taken as the adiabatic wall temperature, which represents the temperature that the chamber wall
would obtain when it is fully isolated. The adiabatic wall temperature is defined in Equation 2.27 [65],

𝑇ፚ፰ = 𝑇 + 𝑅፟ (𝑇፨ ⋅ 𝜂ኼ፜ − 𝑇) (2.27)



26 2. Numerical Model

where 𝑇 represents the static gas temperature, 𝑇፨ the stagnation gas temperature, 𝑅፟ the recovery
factor, and 𝜂፜ the characteristic velocity efficiency. The static and stagnation gas temperature follow
from CEA and the isentropic flow relations, which were introduced earlier in this report. For first-order
estimations, Huzel and Huang [7] note that this recovery factor may be estimated as 𝑃𝑟ኺ.኿ for laminar
boundary layers, or 𝑃𝑟ኺ.ኽኽ for turbulent boundary layers. In this investigation, it is assumed that the flow
in the nozzle is turbulent. For the combustion of hydrogen peroxide and kerosene, the Prandtl number
of the gas is generally less than one. As a result, the turbulent recovery factor is also less than one.

In the present work, two empirical models are considered for predicting the heat transfer coefficient
that is used in Equation 2.26. The first model, proposed by Bartz [66], is shown in Equation 2.28 and
is derived for gas flow in rocket nozzles. This correlation is derived from fully developed flow through
straight pipes and corrected to obtain a good agreement with experimental heat transfer data in a
subscale rocket nozzle.

𝛼፠ = [
0.026
𝐷ኺ.ኼ፭

(
𝜇ኺ.ኼ𝑐፩
𝑃𝑟ኺ.ዀ )ኺ

(𝑝ኺ𝑐∗ )
ኺ.ዂ
(𝐷፭𝑅∗፭

)
ኺ.ኻ
] (𝐴፭𝐴 )

ኺ.ዃ
𝑠 (2.28)

𝑠 = (12
𝑇፰
𝑇፨
(1 + 𝛾 − 12 𝑀ኼ) + 12)

ዅኺ.ዀዂ
(1 + 𝛾 − 12 𝑀ኼ)

ዅኺ.ኻኼ
(2.29)

Newly introduced parameters in Equations 2.28 and 2.29 are the nozzle throat diameter (𝐷፭), the dy-
namic viscosity (𝜇), the specific heat at constant pressure (𝑐፩), and the throat radius of curvature (𝑅∗፭ ).
All transport properties in the Bartz equation (𝜇, 𝑐፩, 𝑃𝑟) are evaluated at stagnation conditions based
on a frozen chemical composition of the boundary layer. Bartz introduces an empirical scaling constant
of 0.026 by forcing agreement of Equation 2.28 with measurements at the nozzle throat. However, it
should be mentioned that this value depends strongly on the boundary layer in the combustion chamber
and can therefore vary between different engines [43].

The second correlation that is considered in this study originates from the work of Cinjarew and Do-
brovolsky [67] and is presented in Equation 2.30. This expression is considered based on the positive
experience described by Kirchberger [65], who studied heat transfer in small hydrocarbon rocket en-
gines with a size comparable to the Mk-II thruster.

𝛼፠ =
0.01975𝑚̇ኺ.ዂኼ

𝐷ኻ.ዂኼ (𝜆ኺ.ኻዂ𝑐ኺ.ዂኼ፩ )ፚ፦ (
𝑇ፚ፰
𝑇፰
)
ኺ.ኽ኿

(2.30)

Newly introduced parameters in this expression are the local chamber diameter (𝐷) and the hot gas
thermal conductivity (𝜆). In the original 1955 publication, Cinjarew and Dobrovolsky describe that the
boundary layer transport properties are evaluated at the wall temperature. However, a more recent
investigation of Kirchberger et al. [68] in small hydrocarbon rocket engines has demonstrated that
more realistic results are obtained when the transport properties are evaluated at the film temperature.
The film temperature, designated with subscript “am”, is taken as the arithmetic mean between the
gas and wall temperature. This approach is adopted in the present work. The gas properties at this
arithmetic mean temperature are obtained from CEA by solving a chemical equilibrium problem with
assigned pressure and temperature.

2.3.2. Radiation
Besides convective heat transfer from the hot gas, energy may also be transferred through radiation.
The magnitude of the radiative heat transfer primarily depends on the composition and temperature of
the gas. Coats [56] describes that the major emitting molecules in the hot combustion gas are water,
carbon dioxide, and carbon monoxide. Contrary, symmetrical molecules such as hydrogen and oxygen
are noted to have no relevant emission bands in rocket applications [69]. Under the assumption that
both the hot gas and chamber wall act as a grey medium4, the net radiative heat flux may be written
as shown in Equation 2.31 [65].
4This implies that the emissivity and absorbtivity are independent of the wavelength at which radiative energy exchange occurs.



2.4. Regenerative Cooling 27

𝑞፫ፚ፝ = 5.67 ⋅ 10ዅዂ (
𝑇ኾ፠ − 𝑇ኾ፰

ኻ
Ꭸᑘ
+ ኻ
Ꭸᑨ
− 1

) (2.31)

In this expression, 𝑇፠ and 𝑇፰ denote the temperature of the gas and wall respectively, whereas 𝜖፠ and
𝜖፰ represent the corresponding emissivities. The value placed in front of the term in brackets is also
known as the Stefan-Boltzmann constant. A fundamental challenge of Equation 2.31 is that the exact
values for the emissivities are not trivial to determine. The emissivity of the chamber wall may vary as
a function of temperature or when carbon is deposited on the wall5. On the other hand, the emissivity
of the gas is dependent on the species that are present in the gas and the corresponding radiation
spectrum.

Instead of Equation 2.31, one can also rely on numerical estimations for the radiative heat transfer, by
solving the integro-differential radiative transfer equation [4]. This approach requires detailed knowl-
edge about the multidimensional radiation intensity and physical properties of the gas [70], which is
also not trivial to obtain. Furthermore, solving the radiative transfer equation can be computationally
expensive.

In the present work, an empirical approach is taken to get a first-order estimation of the hot gas radiative
heat transfer. Kirchberger et al. [68] mention two empirical correlations to predict the radiative heat
flux (in W/m2) in small hydrocarbon rocket engines. These are noted separately for water and carbon
dioxide in Equations 2.32 and 2.33.

𝑞ፇᎴፎ = 5.74 (
𝑝ፇᎴፎ ⋅ 𝑟፜
10኿ )

ኺ.ኽ
(
𝑇፠
100)

ኽ.኿
(2.32)

𝑞ፂፎᎴ = 4(
𝑝ፂፎᎴ ⋅ 𝑟፜
10኿ )

ኺ.ኽ
(
𝑇፠
100)

ኽ.኿
(2.33)

In the above-mentioned expressions, 𝑟፜ denotes the chamber radius in meters, 𝑇፠ the gas temperature
in Kelvin, and 𝑝 the partial pressures of water and carbon dioxide in Pascal. The partial pressure of
the gas species is obtained from the product of the chamber pressure and the mole fraction of the
corresponding species. Kirchberger et al. have validated Equations 2.32 and 2.33 against radiation
experiments at pressures between 0.1 and 6 MPa and temperatures between 1000 K and 2516 K. It
is worth mentioning that the chamber pressure of the current iteration of the Mk-II thruster lies within
the prescribed pressure range. Moreover, the adiabatic flame temperature of the combustion of 90%
hydrogen peroxide and kerosene (∼2700 K resp.) is very close to the experimental temperature limit
of Kirchberger et al. Both expressions are implemented in TDCAS and can be included in or excluded
from the 2-D heat transfer analysis with a simple boolean user input.

2.4. Regenerative Cooling
This section describes the setup of the 1-D regenerative cooling model. First, subsection 2.4.1 explains
the empirical Nusselt correlations that are considered for predicting the coolant heat transfer in rough
conduits. Second, in subsection 2.4.2, the impact of channel curvature and flow development on the
coolant heat transfer is discussed. This is followed in subsection 2.4.3 by a description of the coolant
temperature rise and pressure drop models that are implemented in TDCAS. Lastly, the hydrogen
peroxide operating limits are briefly discussed in subsection 2.4.4.

2.4.1. Convection
In TDCAS, the convective heat transfer on the coolant side of the wall is modeled with empirical Nusselt
correlations that are obtained from the literature. Traditionally, most Nusselt correlations have been
derived experimentally based on flow in hydraulically smooth, straight channels. It is well-known that
surfaces with a high roughness promote turbulence in the flow, which can have a large impact on the
5Carbon deposition on the chamber wall is very common in kerosene-propelled thrusters.
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heat transfer [23]. Compared to machined surfaces, as-built AM parts feature a considerably higher
surface roughness. To put these two production processes into perspective, Cook [6] mentions a typical
surface finish for milled copper alloy channels of 20 µin RMS (≈0.46 µm Ra), whereas Stimpson et
al. [25] measure a surface roughness in the range 9.6-13.8 µm Ra in AM cooling passages. What
is more, flow tests of Stimpson et al. reveal that the Nusselt number in AM channels can be more
than three times higher compared to smooth channels. This stresses the importance of capturing
roughness effects in heat transfer modeling. TDCAS includes two methods to calculate the convective
heat transfer of the hydrogen peroxide coolant: a smooth channel Nusselt correlation with roughness
correction factor and an expression that is specifically developed for heat transfer in rough conduits.

Smooth Channel Correlation with Correction Factor
In thismodeling approach, the well-knownDittus-Boelter correlation, shown in Equation 2.34, is used for
predicting the convective heat transfer of the coolant. Experiments with hydrogen peroxide in smooth
channels have demonstrated that this expression yields a conservative estimate of the heat transfer
[28, 71].

𝑁𝑢ኺ = 0.023𝑅𝑒ኺ.ዂ𝑃𝑟ኺ.ኾ (2.34)

In the Dittus-Boelter equation, the Reynolds number (𝑅𝑒) and Prandtl number (𝑃𝑟) are evaluated based
on the bulk fluid temperature. The expression is valid for Prandtl numbers between 0.7 and 160,
Reynolds numbers greater than 1 × 104, and a channel length-to-diameter ratio greater than 10 [23].
The latter constraint originates from the fact that the flow is not yet fully developed close to the inlet of
the channel, which increases heat transfer.

To capture increased heat transfer due to channel roughness, a correction factor is applied to Equa-
tion 2.34. An expression that is frequently used in rocket engine heat transfer analyses is presented in
Equation 2.35 [36, 72, 73].

𝑁𝑢
𝑁𝑢ኺ

= 1 + 1.5𝑃𝑟ዅኻ/ዀ𝑅𝑒ዅኻ/ዂ(𝑃𝑟 − 1)
1 + 1.5𝑃𝑟ዅኻ/ዀ𝑅𝑒ዅኻ/ዂ (𝑃𝑟 ፟

Ꮂ፟
− 1)

𝑓
𝑓ኺ

(2.35)

Equation 2.35 relates the heat transfer correction factor (𝑁𝑢/𝑁𝑢ኺ) to the bulk flow Reynolds number, the
Prandtl number, and the rough conduit friction factor (𝑓). The parameter 𝑓ኺ also represents a friction
factor, but for smooth channels (i.e. no surface roughness). Equation 2.35 is a modified form of a
comparable correlation originally proposed by Nunner [74]. Therefore, this expression is designated
as the “modified Nunner” correlation in this work.

A different technique to correct for the surface roughness effects is proposed by Norris, as documented
in ref. [25]. This corrective term is given in Equation 2.36 and relates the Nusselt number augmentation
to the friction factor augmentation and bulk flow Prandtl number.

𝑁𝑢
𝑁𝑢ኺ

= ( 𝑓𝑓ኺ
)
ኺ.ዀዂፏ፫Ꮂ.ᎴᎳᎷ

(2.36)

Norris finds that the heat transfer no longer increases for 𝑓/𝑓ኺ greater than four. The friction factor which
is used in Equations 2.35 and 2.36 can be obtained from the implicit Colebrook-White correlation, which
is presented in Equation 2.37 [75].

1
√𝑓

= −2 logኻኺ (
𝑘፬

3.7𝐷፡
+ 2.51
𝑅𝑒√𝑓

) (2.37)

In Equation 2.37, 𝑘፬/𝐷፡ denotes the relative surface roughness, which is a function of the hydraulic
diameter (𝐷፡) and the equivalent sand grain roughness (𝑘፬). The latter value is typically obtained
from hydraulic characterization tests with a fluid that has well-described thermophysical properties,
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such as water or air. For the bimetallic Mk-II thrust chamber, the equivalent sand grain roughness is
experimentally determined in subsection 4.3.3. For the investigated AM Inconel chamber, roughness
figures reported in the work of Stimpson et al. [25] and Wildgoose et al. [76] are used. Both Stimpson
et al. and Wildgoose et al. use the same test setup and measure the actual hydraulic diameter of
straight cooling channels using CT scans. Roughness measurements are provided for the arithmetic
mean roughness height (Ra) and the equivalent sand grain height 𝑘፬. A selection of their data that is
relevant to this study is included in Table 2.2.

Table 2.2: Roughness measurements in additively manufactured Inconel 718 channels under different build angles (data from
refs. [25, 76]).

Angle, 𝐷፡ design, 𝐷፡ actual, 𝑅𝑎, 𝑘፬, 𝑅𝑎/𝐷፡ 𝑘፬/𝐷፡ Shape
deg µm µm µm µm
45 610 664 13 120 0.020 0.180 Rectangular
45 631 632 11 114 0.017 0.180 Rectangular
45 750 725 11 139 0.015 0.192 Circular
45 834 920 14 212 0.015 0.230 Rectangular
45 1000 988 16 128 0.016 0.129 Circular
45 1250 1230 16 135 0.013 0.110 Circular
45 1261 1275 11 102 0.009 0.080 Rectangular
60 750 775 9 109 0.011 0.141 Circular
60 1000 1031 10 97 0.010 0.094 Circular
60 1250 1310 11 98 0.008 0.074 Circular
90 750 808 9 115 0.011 0.142 Circular
90 1000 1055 9 78 0.009 0.074 Circular
90 1250 1327 12 133 0.009 0.100 Circular
Average ፤ᑤ 45°: 136±36 µm Average ፤ᑤ 90°: 109±28 µm
Average ፤ᑤ 60°: 101±7 µm

The first column in Table 2.2 shows the angle of the channels with respect to the build plate of the
AM machine. This angle is defined in Figure 2.12. As a consequence of the layer-by-layer fabrication
technique, one would expect to see an increase in surface roughness with build angles that deviate
from 90°. The measurements clearly show a decrease in surface roughness between a build angle
of 45° versus 60° and 90°, which is in line with expectations. Nevertheless, this reducing surface
roughness trend is not observed between measurements at 60° and 90°. Furthermore, at a given build
angle, moderate to large deviations exist in the relative surface roughness. These deviations are also
present in the arithmetic mean roughness height. One may also observe that the equivalent sand grain
roughness (measured in hydraulic characterization tests) is approximately a factor ten higher than the
arithmetic mean roughness height (derived from CT scans). The reader must be aware that these
roughness values are, by definition, not identical.

Figure 2.12: Schematic representation showing the impact of build angle on surface roughness, compared to rectangular addi-
tively manufactured Inconel 718 test articles.
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In the cooling channels of an AM thrust chamber, the build angle changes with axial position. For ex-
ample, one can expect a 90° build angle in the cylindrical section of the chamber and a build angle not
equal to 90° in the convergent and divergent section of the nozzle. Consequently, it is expected that
the hydraulic roughness of the cooling passages varies in the axial direction. In this investigation, a
potential correlation between surface roughness, hydraulic diameter, and build angle is further investi-
gated. This is done based on a plane fitting procedure with the reference data listed in Table 2.2. Both
a linear and quadratic plane fit did not provide a good agreement with the test data. A spline interpo-
lation, illustrated in Figure 2.13, reveals that there is no clear correlation between hydraulic diameter,
build angle, and surface roughness. The actual roughness that is achieved in AM cooling channels is
probably dependent on several other AM process parameters, such as the layer height, laser power,
laser scan speed, metal alloy, and particle size distribution of the powder. Additionally, it is expected
that the geometry of the part impacts the achieved surface roughness (for instance, straight channels
versus a thrust chamber contour). More experiments are required to validate the predictability of the
surface roughness in AM channels. In the absence of these measurements, it is decided to adopt a
constant value for the equivalent sand grain roughness, based on the average value in Table 2.2. This
value equals 121µm.

Figure 2.13: Correlation between surface roughness, build angle, and hydraulic diameter in AM Inconel 718 cooling channels.

Rough Channel Correlation
The second approach to model heat transfer in cooling channels with a rough surface is based on the
work of Dipprey and Sabersky [24], who studied heat transfer of water in rough conduits with a rela-
tive surface roughness (𝑘፬/𝐷፡) between 0.0024 and 0.049. They present a semi-empirical correlation
shown in Equation 2.38, which is derived for Prandtl numbers between 1.20 and 5.94.

𝑁𝑢 =
፟
ዂ ⋅ 𝑅𝑒 ⋅ 𝑃𝑟

1 + √፟
ዂ (𝑔–𝐴)

(2.38)

Similar to Equation 2.35, the Reynolds number and Prandtl number are obtained at the coolant bulk
temperature. The friction similarity function (𝐴) is obtained as a function of the relative roughness and
the friction factor, as shown in Equation 2.39.

𝐴 = √8𝑓 + 2.5 ln(
2𝑘፬
𝐷፡
) + 3.75 (2.39)
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The heat transfer similarity function (𝑔) may be obtained from Figure 2.14. In this plot, the horizontal
axis resembles the roughness Reynolds number (𝑒∗), which follows from Equation 2.40. Dipprey and
Sabersky describe roughness Reynolds numbers below 3 as hydraulically smooth, whereas a value
above 70 is treated as fully rough. For a fully rough channel, the friction similarity function is constant
and equal to 8.48.

𝑒∗ = √𝑓8
𝑘፬
𝐷፡
𝑅𝑒 (2.40)

Besides the application to water flow, the work of Dipprey and Sabersky is frequently used for liq-
uid hydrogen cooling applications [34]. Although the operating conditions (𝑃𝑟, 𝑅𝑒) of 90% hydrogen
peroxide in the Mk-II thruster lie within the validity range of Equation 2.38, no experiences with this
correlation and 90% hydrogen peroxide could be found in the literature. The validity of this correlation
in the application of the Mk-II is further investigated in subsection 4.3.3.

Figure 2.14: Experimental data for heat transfer similarity function in Equation 2.38, as a function of the roughness Reynolds
number (reprinted from ref. [24]).

2.4.2. Impact of Channel Curvature and Flow Development
The coolant heat transfer and friction factor correlations discussed so far consider that the flow passes
through a straight duct. Yet, due to the geometry of the thrust chamber, several bends are present
in the cooling channel. When the coolant passes through a concave curved passage near the nozzle
throat, for example, centrifugal forces push the fluid particles towards the inner chamber wall. On the
other hand, for a convex bend, fluid particles are forced away from the inner wall. This phenomenon
introduces vortices in the channels, which may locally increase or decrease the heat transfer. An
empirical correction factor to account for this flow phenomena is provided in ref. [72] and shown in
Equation 2.41.

𝑁𝑢
𝑁𝑢ኺ

= (𝑅𝑒 ( 𝐷፡2𝑅∗)
ኼ
)
±ኺ.ኺ኿

(2.41)

In Equation 2.41, 𝑅∗ denotes the radius of curvature of the bend. For a concave bend, the power term
equals +0.05, whereas a convex bend is modeled using a -0.05 power term. The Nusselt number
correction is only applied to the nozzle throat curvature, based on recommendations of Denies [36].
For all other locations, 𝑁𝑢/𝑁𝑢ኺ is unity. A fundamental shortcoming of Equation 2.41 is that it does not
consider that the vortices develop and dissipate over a finite distance. Instead, a discrete corrective
term is introduced for the bend at the nozzle throat. This limitation of the present approach may be
mitigated when the coolant flow is numerically resolved.
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Figure 2.15: Schematic representation of axial boundary layer development at the entrance of the cooling channel.

A second corrective term is used to account for the fact that coolant flow near the channel entrance
is not fully developed. In the entrance region, the velocity profile changes in the axial direction, and
the boundary layer develops. This concept is schematically shown in Figure 2.15. The flow is said to
be fully developed once the velocity profile does no longer differs with axial position [23]. Within the
entrance region, the coolant heat transfer is much higher. This effect is captured in the correlation of
Boelter, which is mentioned for regenerative cooling applications in ref. [72].

𝑁𝑢
𝑁𝑢ኺ

= 2.88 (𝐷፡𝑧 )
ኺ.ኽኼ኿

(2.42)

In Equation 2.42, 𝑧 indicates the distance from the entrance of the cooling channel and 𝐷፡ the hydraulic
diameter of the conduit. It is noted that correlation is only valid when 𝑁𝑢/𝑁𝑢ኺ ≥ 1 and 𝑧/𝐷፡ > 5.

2.4.3. Pressure Drop and Temperature Rise
The coolant heat transfer coefficient, as well as the hot gas heat transfer coefficient and radiative heat
flux, serve as the primary boundary conditions to acquire the steady-state thermal solution in the thrust
chamber wall. Once the solution is obtained at a given station along the chamber axis, the coolant
temperature rise and pressure drop are calculated. The temperature rise of the coolant is obtained
from Equation 2.43,

Δ𝑇፜፨ =
𝑄

(𝑚̇ ⋅ 𝑐፩)፜፨
(2.43)

where 𝑐፩ denotes the heat capacity of the hydrogen peroxide, 𝑚̇ the mass flow rate, and 𝑄 the total
heat transferred to the coolant at the current station. The latter parameter is obtained by integrating
the heat flux at the boundary of the cooling channel.

The pressure drop of the coolant is predicted based on the work of Naraghi & Foulon [77], who provide a
pressure drop model which includes frictional losses and flow expansion losses6. For frictional losses,
the well-known Darcy-Weisbach equation is used, which is shown in Equation 2.44.

Δ𝑝፟፫።፜፭።፨፧ = (
𝑓 ⋅ 𝜌፜፨ ⋅ 𝑣ኼ፜፨

2𝐷፡
)Δ𝑧 (2.44)

In this expression, the friction factor (𝑓) may be obtained from Equation 2.37. It is worth mentioning that
the flow velocity (𝑣፜፨) and hydraulic diameter (𝐷፡) can be controlled by the designer by carefully select-
ing the number of cooling channels and channel dimensions. The axial spacing (Δ𝑧) follows from the
simulation set-up, whereas the fluid density (𝜌፜፨) is obtained from the hydrogen peroxide fluid models
that were introduced earlier in this report. For the pressure drop related to expansion or contraction of
the passages, Naraghi and Foulon provide an empirical expression which is a function of the hydraulic
6In reality, one could introduce several other sources for pressure losses. Examples include losses due to flow acceleration,
bends near the throat, and in the inlet/outlet manifolds. For modeling the pressure drop in regenerative cooling channels, these
loss components are often neglected in the literature [72, 77–79].



2.4. Regenerative Cooling 33

diameter, the fluid density, and the flow velocity squared. This term is added to Equation 2.44. Simu-
lations in TDCAS with the verification engine (Appendix B) reveal that the maximum pressure loss per
unit length due to area change is almost a factor six smaller than losses introduced by friction.

2.4.4. Coolant Operation Limits
The total heat that can be transferred to the hydrogen peroxide coolant is bounded by the maximum
service temperature of the fluid, as well as the ultimate, or burnout, heat flux. For cooling applications,
Constantine and Cain [28] recommend a maximum service temperature of 394 K, with a hard limit
at 408 K. More recent experimental studies of Bernier [80] reveal an “explosive phenomena” that is
triggered by the rapid decomposition of the hydrogen peroxide when the fluid or wall temperature is
approximately 423 K. The study is based on 98% hydrogen peroxide in AISI 304 microchannels at
pressures in the range 3.7-21.4 MPa and flow rates in the range 230-680 mg/s. Interestingly, Bernier
finds that the temperature limit of 423 K is independent of the coolant mass flow rate or pressure.

The temperature limit of both studies is reasonably close to the temperature at which the hydrogen per-
oxide vapor is ignitable, which was discussed in Figure 2.4. This could explain the rapid decomposition
events that are observed by Bernier. In the present work, the upper limit of Constantine and Cain is
used for the preliminary design of the thruster.
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Figure 2.16: Derived wall temperatures for heat transfer experiments with 98% hydrogen peroxide in AISI 304, AISI 347, and
Inconel 718 tubes (data from refs. [71, 80]).

Although the maximum service temperature of the hydrogen peroxide is constrained to 408 K, the
chamber wall can reach higher temperatures. This is illustrated in Figure 2.16, which summarizes heat
transfer experiments of Rousar & Van Huff [71] with 98% hydrogen peroxide in electrically heated In-
conel 718 and 347 tubes. These experiments are conducted at fluid pressures in the range 5.7-32.4
MPa, flow velocities in the range 7.6-61 m/s, bulk fluid temperatures up to 375 K, and heat fluxes up to
78.4 MW/m2. Notice that the upper value of the pressure range exceeds the critical pressure of hydro-
gen peroxide. One can observe from Figure 2.16 that all tests where a failure of the wall occurred are
characterized by a temperature that exceeds the limit which Bernier established based onmicrochannel
experiments. Moreover, Rousar & Van Huff also cite Devine et al. [81], who mention wall temperatures
that exceed the local saturation temperature of 98% hydrogen peroxide upon failure of the tube. These
observations are in good agreement with simulations of the bimetallic Mk-II thruster, which repeatedly
reveal coolant-side wall temperatures close to the hydrogen peroxide saturation temperature. No ther-
mal failure of the wall has occurred in corresponding hot-fire tests. It must be mentioned that none of
the aforementioned studies measure the internal tube or channel wall temperature. Instead, this tem-
perature is obtained by solving an inverse radial conduction problem or from steady-state heat transfer
simulations.
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When the wall temperature exceeds the fluid saturation temperature, small bubbles will form at the
wall, caused by local boiling of the fluid [23]. This phenomenon, also known as nucleate boiling, greatly
augments the heat transfer. The nucleate boiling heat transfer regime is bounded by the burnout heat
flux (𝑞፮፥፭), after which the boundary layer transitions to an unstable gas film. The gas film greatly
deteriorates the coolant heat transfer. Consequently, the wall temperature rapidly increases, which
typically results in a thermal - or burnout - failure of the tube.

Interestingly, Rousar & Van Huff observe burnout failures of the tubes at wall temperatures much lower
than the saturation temperature of 98% hydrogen peroxide. Furthermore, they do not observe a steep
increase in the heat transfer at elevated temperatures in tests that are conducted below the critical
pressure (steep increases in heat transfer are usually an indication of nucleate boiling). This suggests
that there is no nucleate boiling phenomenon ongoing in hydrogen peroxide cooling channels when
approaching burnout conditions. Instead, the burnout failures may originate from a deterioration of the
heat transfer, caused by the exothermic decomposition of the hydrogen peroxide.
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Figure 2.17: Experimental burnout heat flux data for 90% and 98% hydrogen peroxide in Inconel 718 tubes. Labels next to
markers indicate the maximum bulk fluid temperature in Kelvin (measurements from ref. [71]).

To establish operating limits for regeneratively cooled thrust chambers that utilize hydrogen peroxide
as coolant, Rousar & Van Huff correlate the burnout heat flux to the coolant velocity, as illustrated in
Figure 2.17. The burnout heat flux represents the heat load that is introduced by the electrical heater
upon failure of the tube. Onemay recall from Newton’s law of cooling (Equation 2.26) that the maximum
heat flux is directly related to themaximum coolant-side wall temperature. For this temperature, no clear
failure trend could be observed in Figure 2.16. Based on the heat transfer experiments in Inconel 718
tubes, Rousar & Van Huff find that the impact of the pressure on the burnout characteristics is very
small. They conclude that the burnout heat flux is primarily driven by the flow velocity of the hydrogen
peroxide. For short duration (seconds) tests, they find that the correlation,

𝑞፦ፚ፱ = 1.29𝑣፜፨ (2.45)

fits all data with an error of ±25%. Notice that the heat flux in Equation 2.45 is given in MW/m2 as a
function of the flow velocity inserted in m/s. Rousar & Van Huff also perform extended duration tests
with 98% hydrogen peroxide. These tests are terminated after 5-10 minutes, or upon failure of the
tube. Surprisingly, they find that a burnout failure occurs at a lower heat load. For these experiments,
Equation 2.46 seems a more appropriate and conservative estimate.

𝑞፦ፚ፱ = 0.86𝑣፜፨ (2.46)
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It is worth mentioning that the linear relation between coolant flow rate - which is proportional to the
flow velocity - and burnout heat flux is also observed in the microchannel research of Bernier. For the
preliminary design of the AM thrust chamber, Equation 2.46 is taken, which corresponds to a maximum
heat-flux-to-velocity ratio of 0.86 MPa7.

Provided the absence of more test data or described experiences in the open literature, it is recom-
mended to perform more experimental research in the field of thermally stressed hydrogen peroxide.
Preferably in cooling channels that have a high surface roughness. Heated hydrogen peroxide flow
in rough channels is not studied in the considered pieces of literature and could further improve our
understanding of the operating limits of the fluid.

2.5. Film Cooling
Although regenerative cooling is often an effective method to maintain the chamber wall at acceptable
temperatures, additional internal cooling may be required to further reduce the wall temperature. This
is especially relevant when thrust chamber materials with low thermal conductivity are used, as these
structures are typically characterized by large thermal gradients in the wall. The film coolant essentially
creates a physical fluid barrier between the hot gas and the wall, thereby reducing the heat that is
transferred to the structure.

Figure 2.18: Experimental and simulation data for a small MMH film-cooled thruster, which clearly shows the transition from
liquid to gaseous film cooling (reprinted from ref. [44]).

The fundamental challenge of any liquid film cooling analysis involves the calculation of the dry-out
point. The dry-out point is the axial position in the thrust chamber where the majority of the liquid
film has vaporized. Downstream of the dry-out point, the film temperature rapidly rises. As a result,
the cooling effectiveness reduces and the wall temperature increases. This principle is illustrated in
Figure 2.18, which shows a numerical simulation and measurements in an MMH film-cooled thruster.
In this particular example, the dry-out point is located at an x-position of 6 cm.

In an “ideal” film-cooled engine, the film layer does not mix with the core flow and remains attached
to the chamber wall. Under these assumptions, the liquid film dry-out point can easily be found using
analytical heating and vaporization calculations. In reality, the assessment of the dry-out point is much
more complex and the real cooling potential is much lower than the theoretical [82]. As a consequence
of the liquid-gas interaction, capillary waves may develop on the surface of the film, which decreases
the stability of the film layer [7]. Furthermore, several studies [52, 83] have described that the film
effectiveness is greatly reduced when a monopropellant, such as hydrogen peroxide or hydrazine, is
used as film coolant.

7The unit MPa follow directly from Equation 2.45: (MW/m2)/(m/s) = 1 × 106 (Ws)/m3 = 1 × 106 (kg)/(s2m) = MN/m2.
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Modeling these non-ideal flow phenomena is complicated. This requires a detailed simulation of the
liquid-gas interaction of the film and core stream, as well as potential chemical reactions that occur in
the vicinity of the film layer due to decomposition and/or turbulent mixing. A model of this kind would
likely involve a study on its own and is considered beyond the scope of this work. A different technique
that is often adopted in film cooling analyses is the use of semi-empirical correlations [8, 84, 85]. This
approach is taken in the present investigation.

2.5.1. Liquid Film
The liquid phase film cooling model is based on research of Stechman et al. [82] which has been de-
veloped for small (4.4-4400 N thrust level) bipropellant thrusters. They provide a compelling validation
case where the model is compared to experimental work in a thruster operating with the NኼOኾ/MMH
propellant combination. The model of Stechman et al. uses a 1-D energy balance to calculate the
length of the liquid film (𝐿), as shown in Equation 2.47. The use of semi-empirical 1-D models for liquid
film cooling is also demonstrated in research of several other scholars [35, 83, 84, 86].

𝐿 = 𝜂፜፟,፥ (
𝑚̇፜፟
𝑃 )(

𝑐፩(𝑇፜፟,፬ፚ፭ − 𝑇፜፟,።) + Δ፯𝐻፜፟
𝛼፠(𝑇ፚ፰ − 𝑇፜፟,፬ፚ፭)

) (2.47)

Newly introduced parameters in this expression are the peripheral flow rate (𝑚̇፜፟/𝑃) and the liquid
film effectiveness (𝜂፜፟,፥). The temperatures used in this expression are the film saturation temperature
(𝑇፜፟,፬ፚ፭), the film injection temperature (𝑇፜፟,።), and the adiabatic wall temperature (𝑇ፚ፰). The liquid
film effectiveness accounts for non-ideal film cooling effects, such as core flow entrainment and film
instabilities. Stechman et al. provide this empirical constant as a function of the film coolant Reynolds
number8, as depicted in Figure 2.19. It is worth mentioning that a similar empirical curve is reported in
ref. [83].

Figure 2.19: Liquid film effectiveness as a function of the film Reynolds number (reprinted from ref. [82]).

For convective heat transfer, a modified version of the correlation of Bartz is used, which accounts for
large variations of transport properties in the boundary layer. This modified equation, shown in Equa-
tion 2.48, evaluates the transport properties at the mean film temperature (𝑇ፚ፦), which is taken at the
arithmetic mean of the gas temperature and wall temperature. Furthermore, the adiabatic wall enthalpy
(𝐻ፚ፰) and wall enthalpy (𝐻፰) are introduced in the expression. These are the specific enthalpies of the
hot gas, evaluated at the adiabatic/inner wall temperature.

𝛼፠ =
0.026
𝐷ኺ.ኼ፭

( 𝜇
ኺ.ኼ

𝑃𝑟ኺ.ዀ)ፚ፦
(𝑝ኺ𝑐∗ )

ኺ.ዂ
(𝐴፭𝐴 )

ኺ.ዃ
(𝐻ፚ፰ − 𝐻፰𝑇ፚ፰ − 𝑇፰

)𝑠 (2.48)

𝑠 = 𝑇ኺ.ዂ
𝑇ኺ.ኻኼ፨ ⋅ 𝑇ኺ.ዀፚ፦

(2.49)

8The film Reynolds number is defined as ፑ፞ ዆ ፦̇ᑔᑗ/(ፃᑔ᎝᎙ᑔᑗ,ᑝ).
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Stechman et al. also assume that there is heat transfer between the liquid film and thrust chamber
wall. They derive Equation 2.50, which is based on a modified Reynolds analogy, combined with an
expression for turbulent liquid flow over flat plates. A detailed derivation of Equation 2.50 is provided
in the original piece of literature and not repeated here.

𝛼፜፟,፥ = 0.0288
𝑐፩፜፟,፥

𝑃𝑟ኺ.ዀ዁፜፟,፥ 𝜇ኺ.ኼ፜፟,፥𝑧ኺ.ኼ
(
𝜂፜፟,፥𝑚̇፜፟𝑣፠𝛼፠𝑃𝑟ኺ.ዀ዁፠ 𝜌፜፟,፥

𝜋𝑟𝑐፩፠
)
ኺ.ኾ

(2.50)

Parameters with subscript “cf,l” are evaluated at the liquid film temperature, whereas subscript “g”
implies properties which are evaluated at the local core gas temperature. The reference temperature
that is used for the convective heat transfer calculations from the film to the wall is set to the average
film temperature (between injection and boiling), based on recommendations of Stechman et al.

It is worth mentioning that several researchers [55, 85, 87] have noted an accelerated vaporization rate
in film cooling applications with liquids that can exothermically decompose, such as hydrogen peroxide
or hydrazine. It is believed that this is caused by the formation of a thin monopropellant (and bipro-
pellant) flame layer which surrounds the vaporizing liquid film droplets [88]. This phenomenon is also
described by Davis et al. [27], who state that vaporizing hydrogen peroxide droplets “will undergo a
self-sustaining thermal decomposition process manifested as a hot, nearly invisible vapor decompo-
sition front close to the surface of the liquid”. It is reasonable to assume that the vaporized hydrogen
peroxide decomposes rapidly, since the saturation temperature of hydrogen peroxide is generally much
higher than the temperature at which the vapor is ignitable. This is clearly visible in Figure 2.4, which
was introduced earlier in this report. From this illustration, one may also expect the water content in the
hydrogen peroxide solution to boil just before the hydrogen peroxide content starts boiling. Experimen-
tal research of Won et al. [89] reveals that this difference in boiling point can result in micro-explosions
in 90% hydrogen peroxide droplets, which they link to the accumulation of superheated water inside
the droplets. These micro-explosions could accelerate the break-up of the liquid film droplets, thereby
further reducing the film cooling potential. As mentioned in subsection 2.1.2, differences in boiling point
are neglected in the present work, based on the fast rate at which vaporization is expected to occur.
This simplifying assumption is also accepted by other scholars [50].

2.5.2. Gaseous Film
Downstream of the liquid dry-out point, the film composition consists of vaporized and decomposed
hydrogen peroxide, as well as gas from the core stream that entrains in the film layer. In the present
work, the gaseous film cooling model described in NASA space vehicle design criteria SP-8124 is used
for modeling the gaseous film cooling regime [8]. This model is selected because it includes terms that
capture the exothermic decomposition of the film coolant. What is more, several scholars [65, 90] have
described positive experiences of this model in the application of small hydrocarbon thrusters with a
size comparable to the Mk-II engine.

The theoretical basis of the NASA SP-8124 model is based on a two-stream mixing model, comprised
of a core flow (subscript “g”) and gaseous film flow (subscript “cf,g”). The film effectiveness (𝜂፜፟,፠) is
taken as the mass fraction of the film coolant in the mixing layer at any location downstream of the
vaporization point, divided by the mass fraction of the film in the mixing layer at the injection point.
Mathematically, this implies Equation 2.51, where 𝑐፰ denotes the composition of the gas in the mixing
layer [91]. Note that the injection point of the gaseous film is defined as the liquid dry-out point, since
the film is injected in the liquid state.

𝑐፰ = (𝜂፜፟,፠)𝑐፜፟ + (1 − 𝜂፜፟,፠)𝑐፠ (2.51)

Naturally, the gaseous film cooling effectiveness decreases downstream of the injection point as a
consequence of core flow entrainment. As a result, the composition of the mixing layer near the wall
approaches the composition of the core flow (𝑐፠) when 𝜂፜፟,፠ approaches zero. It is relevant to mention
that the parameter 𝑐፜፟ is evaluated at the dry-out point and therefore represents a constant. Equation
2.51 may also be written as a function of the enthalpies of the core stream and gaseous film coolant
evaluated at the adiabatic wall conditions, as demonstrated in Equation 2.52.
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𝐻ፚ፰ = (𝜂፜፟,፠)𝐻፜፟,ፚ፰ + (1 − 𝜂፜፟,፠)𝐻፞,ፚ፰ (2.52)

The adiabatic wall enthalpy can also be written as shown in Equation 2.53. This expression captures
the enthalpy evolution in the mixing layer and viscous sub-layer close to the wall due to high-speed
effects. A detailed derivation is provided in ref. [91] and not repeated here.

𝐻ፚ፰ = 𝐻፨,፠ − 𝜂፜፟,፠(𝐻፨,፠ − 𝐻፨,፜፟) − (1 − 𝑃𝑟ኻ/ኽ፰ )(𝐻፨,፠ − 𝐻፠) (2.53)

One may notice that the term 𝑃𝑟ኻ/ኽ follows directly from the turbulent recovery factor, which was in-
troduced in subsection 2.3.1. Next, Equation 2.52 is substituted in Equation 2.53 and enthalpies are
replaced by heat capacities and temperatures, as demonstrated in Equation 2.54.

[𝜂፜፟,፠𝑐፩,፜፟፠𝑇ፚ፰ − 𝜂፜፟,፠𝑐፩,፜፟፠𝑇፜፟፠ + 𝜂𝐻፜፟,፥] + (1 − 𝜂፜፟,፠)𝑐፩,፠𝑇ፚ፰ =
𝑐፩,፠𝑇፨,፠ − 𝜂፜፟,፠(𝑐፩,፠𝑇፨,፠ − 𝐻፨,፜፟) − (1 − 𝑃𝑟ኻ/ኽ፰ )(𝐻፨,፠ − 𝐻፠)

(2.54)

The term indicated in square brackets yields the total enthalpy of the film coolant at the adiabatic wall
temperature. This represents the sum of the sensible enthalpy of the gaseous film and the enthalpy of
the gas film at the vaporization point (𝐻፨,፜፟). The latter parameter is taken as the sensible enthalpy of
the liquid film plus the enthalpy change of vaporization. Rewriting Equation 2.54 to solve for 𝑇ፚ፰ and
reordering several terms results in Equation 2.55, which is similar to the equation reported in NASA
SP-8124. This final form is implemented in TDCAS.

𝑇ፚ፰ = 𝑇፨,፠ −
𝜂፜፟,፠𝑐፩,፜፟፠(𝑇፨,፠ − 𝑇፜፟,፠) + (1 − 𝑃𝑟ኻ/ኽ፰ )(𝐻፨,፠ − 𝐻፠)

𝜂፜፟,፠𝑐፩,፜፟፠ + (1 − 𝜂፜፟,፠)𝑐፩,፠
(2.55)

The enthalpies, heat capacity, and total temperature of the core flow in Equation 2.55 follow directly
from CEA. The Prandtl number of the flow is evaluated based on the mixture ratio near the wall. For the
temperature and heat capacity of the gaseous film coolant at the injection location, the decomposition
model described in NASA SP-8124 is used, which is detailed in the next paragraph.

Film Decomposition
Downstream of the dry-out point, the composition of the gaseous film layer consists of both vaporized
and decomposed hydrogen peroxide. The decomposition model in NASA SP-8124 is based on the
assumption that the film consists of only vaporized species at the dry-out point and of decomposed
species (oxygen and steam) far downstream the dry-out point. The temperature and heat capacity of
the gaseous film are given by Equation 2.56 and Equation 2.57,

𝑇፜፟,፠ = 𝑓፯𝑇ፇᎴፎᎴ + (1 − 𝑓፯)𝑇ፇᎴፎ,ፎኼ (2.56)

𝑐፩,፜፟፠ = 𝑓፯(𝑐፩)ፇᎴፎᎴ + (1 − 𝑓፯)(𝑐፩)ፇᎴፎ,ፎኼ (2.57)

where 𝑓፯ denotes the fraction of the gaseous film coolant that is in the vaporized state and conse-
quently (1−𝑓፯) the fraction of the film coolant in the decomposed state. The subscript “HኼOኼ” denotes
the vaporized hydrogen peroxide state, whereas “HኼO, Oኼ” denotes the decomposed state. The tem-
perature of the vaporized hydrogen peroxide is set to the liquid saturation temperature, whereas the
heat capacity of gaseous hydrogen peroxide is taken from the work of Giguère and Liu [92]. For the
decomposed state, a temperature of 1019 K is used, which corresponds to the adiabatic decomposition
temperature of 90% hydrogen peroxide. The heat capacity for the decomposed products is based on
a homogeneous mixture of oxygen and steam, with properties taken from the databases of NIST.
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The fraction of the gas in the vaporized state that is used in Equations 2.56 and 2.57 is given in Equa-
tion 2.58 as a function of distance downstream of the dry-out point (𝑧), the core flow velocity (𝑣፠) and
the decomposition rate constant (𝜒) [8]

𝑓፯ = exp(−𝜒∫
፳

ፋ

𝑑𝑧
𝑣፠
) (2.58)

One may observe that the integral term in this expression represents the core transit time, which is
monotonically increasing. As a result, the vapor fraction reduces (exponentially). The decomposi-
tion rate constant is based on experimental measurements of the wall temperature and should not be
confused with the decomposition rate obtained from an Arrhenius-type correlation.

Core Stream Entrainment
The last undefined parameter in Equation 2.55 is the gaseous film effectiveness (𝜂፜፟,፠). In the NASA
SP-8124 model, this parameter represents a constant that is given as a function of the entrainment
flow ratio, as illustrated in Figure 2.20.

Figure 2.20: Relation between gaseous film effectiveness and entrainment flow ratio (reprinted from ref. [8]).

From this plot, one can observe that the film cooling effectiveness rapidly decreases when more of the
core stream gets entrained and mixes with the gaseous film. The entrainment flow ratio follows from the
empirical correlation presented in Equations 2.59, where 𝑚̇ፄ/𝑚̇፜፟ is identical to 𝑊ፄ/𝑊፜ in Figure 2.20
[8].

𝑚̇ፄ
𝑚̇፜፟

=
𝑚̇ − 𝑚̇፜፟
𝑚̇፜፟

[2𝜓ፋ
𝑧̄
𝑟።
√1 − (𝑚̇ፄ)ፋ

𝑚̇ − 𝑚̇፜፟
− (𝜓ፋ

𝑧̄
𝑟።
)
ኼ
] + (𝑚̇ፄ)ፋ𝑚̇፜፟

(2.59)

In this expression, the 𝑟። denotes the radius of the chamber at the vaporization point, 𝑚̇ the total mass
flow rate in the chamber, 𝑚̇፜፟ the film flow rate, 𝜓ፋ the reference entrainment fraction, and 𝑧̄ the effective
contour distance, given in Equation 2.60.

𝑧̄ = ∫
፳

ፋ

𝑟።
𝑟
(𝜌፠𝑣፠)ኼፃ
(𝜌፠𝑣፠)ኻፃ

𝜓ፌ𝑑𝑧 (2.60)

The effective contour distance corrects for flow acceleration and turning in the nozzle and is a function
of the core mass flux at the vaporization point (𝜌፠𝑣፠)ኻፃ, the local core mass flux (𝜌፠𝑣፠)ኼፃ, the chamber
radius (𝑟), and the local entertainment factor 𝜓ፌ. The last undefined parameter in Equation 2.59 is
(𝑚̇ፄ)ፋ/𝑚̇፜፟, which corrects for core stream entrainment upstream of the dry-out point. More details on
this empirical term are provided in refs. [8, 93].
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This concludes the NASA SP-8124 film cooling model. To resolve the adiabatic wall temperature, only
two empirical user-inputs are required, which are:

• The decomposition rate constant (𝜒). Film cooling experiments with MMH mentioned in NASA
SP-8124 reveal that a decomposition rate constant of approximately 3000 sዅ1 is suitable for this
propellant. Since no data concerning the decomposition rate constant of hydrogen peroxide could
be found, the value for MMH is taken as a starting point for the preliminary design.

• The core stream entrainment factor (𝜓). This parameter is given as the product of the reference
entertainment factor (𝜓ፋ) and local entertainment factor (𝜓ፌ). NASA SP-8124 provides a typical
value for the reference entertainment factor of 0.025 to 0.06 when the local entrainment factor is
unity. In the present work, the average of this range is taken as a starting point, which corresponds
to a reference entrainment factor of 0.0425 and a local entrainment factor of 1.

2.6. Numerical Solution in the Solid Domain
In TDCAS, a numerical solver is integrated that resolves the 2-D temperature field and 2-D displacement
field in the wall. The thermal solver outputs both the temperature and heat flux at any element inside
the wall. This is helpful information during the preliminary design of a liquid rocket engine when a
maximum service temperature is used as design criteria. Besides, information on the temperature
distribution inside the wall is valuable when comparing experimental thermocouple readouts during a
hot-fire test with simulations. This effective measurement-validation is demonstrated in the work of
Fröhlich et al. [94] in the application of the European Vulcain engine for the Ariane 5 launch vehicle.

Although several scholars [36, 86] have used the approach of a maximum service temperature for
the preliminary design of liquid rocket engines, it is also possible to limit the design load based on
the stress in the wall. This can be achieved by a numerical simulation of the thrust chamber, where
the nodal displacement, element strain, and element stress are resolved. In TDCAS, the numerical
solution of these parameters is obtained in 2-D based on the plane strain assumption. This implies
that the out-of-plane strain is zero, which corresponds to the axial direction of the thrust chamber. On
the other hand, the stress in the out-of-plane direction is not zero by definition, as this unknown is
numerically resolved. The 2-D plane strain representation in the application of thrust chambers is used
by several other researchers [38, 39] and provides adequate results whilst being computationally much
less expensive than a 3-D problem setup.

Many of the thrust chamber structural analysis studies in the literature [39, 95] are based around large
cryogenic propulsion systems, such as the Vulcain engine or the Space Shuttle Main Engine. For
simulation of these systems, elastoplastic structural analyses are commonly used, which numerically
solve for both the elastic, plastic, and thermal strains. The operating point of these propulsion systems
is vastly different from the expected operating conditions of the Mk-II thruster. For example, the Space
Shuttle Main Engine operates at a chamber pressure 22.6 MPa and adiabatic wall temperature of 3600
K [95], whereas the Mk-II has a typical chamber pressure ∼4-6 MPa and an adiabatic wall temperature
of 2750 K. Furthermore, the temperature of the hydrogen coolant used in the Space Shuttle Main Engine
is substantially lower than the hydrogen peroxide used in the Mk-II. As a result of this large difference
in load point, it is hypothesized that the chamber wall of the Mk-II could potentially be operated in
the linear elastic regime, rather than in the combined elastic and plastic regime. Since only limited
experience concerning linear elastic simulations in the application of a thrust chamber could be found
in the literature [96], it was decided to further investigate this type of analysis in this report.

The finite element method implemented in TDCAS is based on a structured quadrilateral mesh (see
also subsection 2.2.3) with piece-wise linear basis, or interpolation, functions. A high-level architecture
of the implemented numerical solver is presented in Figure 2.21, which shows all major inputs and
boundary conditions. Flowchart cells on the left side of this image indicate the 2-D conduction solver,
which is explained in more detail in subsection 2.6.1. The right side of this image indicates the linear
elastic solver, which is briefly explained in subsection 2.6.2. In this thesis, the finite element solver is
self-written in Matlab, based on the following arguments:
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• Fit for purpose. The developed code is specifically designed to simulate the thrust chamber of
liquid rocket engines. The fact that sizing of the chamber and mesh generation are automatically
performed in the same software allows for rapid iteration through different designs.

• Cost. An off-the-shelve numerical software package, like Ansys, can only be used for commercial
applications after purchasing an expensive product license. Although the academic version of
Ansys is freely available for non-commercial applications, it has several major limitations, such
as the maximum number of nodes/elements that can be used in the mesh. Although open-source
alternatives exist to Ansys, these are not (frequently) used by Dawn Aerospace. As a result, the
use of these alternatives is less interesting.

• Learning experience. Before starting this thesis, the author had only limited practical experi-
ence in the field of numerical simulations. Therefore, one of the personal learning goals of this
thesis was to get more familiar with numerical simulations related to heat transfer and structural
deformation. Writing, debugging, and verifying a custom finite element code in Matlab provided
a major learning experience that met the personal goals set for this project.

The exact implementation of the finite element method in TDCAS is based on the excellent description
which is provided in the books of Bathe [97] and Zienkiewicz [98]. For convenience, this section only
touches on the fundamental governing equations and boundary conditions, rather than providing a
detailed derivation of all matrix equations. For this derivation or a more elaborate explanation of the
finite element method for heat conduction and linear elasticity problems, the reader is referred to the
work of Bathe or Zienkiewicz.

2.6.1. Governing Equations Heat Conduction
In the wall of the thrust chamber, heat is transferred bymeans of conduction. The conduction is modeled
using the 2-D steady-state heat equation, which is presented in Equation 2.61 [23],

− 𝜆፰∇ኼ𝑇 = 𝑔(𝑥, 𝑦) (2.61)

Equation 2.61 is a partial differential equation, where 𝑇 represents the temperature at a given node
in the mesh, 𝜆፰ the thermal conductivity of the wall, and 𝑔(𝑥, 𝑦) a term that captures the potential
presence of a heat source. The thermal conductivity is temperature-dependent and assumed to be
identical in both the 𝑥- and 𝑦-direction. The particular value taken for this parameter follows directly
from the material properties, which are provided in refs. [40, 99].

Boundary Conditions
The computational domain (Ω), together with boundary conditions (Γ), is illustrated in Figure 2.22. In the
2-D thermal simulation, the two symmetry planes of the computational domain (Γኻ and Γኼ) are modeled
as adiabatic, which introduces the boundary conditions noted in Equations 2.62 and 2.63,

𝜕𝑇
𝜕𝑛 |ጁᎳ

= 0 (2.62)

𝜕𝑇
𝜕𝑛 |ጁᎴ

= 0 (2.63)

where 𝑛 represents the vector normal to the boundary. The adiabatic boundary conditions imply that the
heat flux across to boundary is zero. The convection boundary conditions are added on the interface
of the coolant and hot gas, noted by Γኾ and Γ኿ in Figure 2.22. These boundary conditions are modeled
using Equations 2.64 and 2.65.

𝜆፰
𝜕𝑇
𝜕𝑛 |ጁᎶ

= 𝛼፠(𝑇ፚ፰ − 𝑇) (2.64)
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𝜆፰
𝜕𝑇
𝜕𝑛 |ጁᎷ

= 𝛼፜(𝑇፜፨ − 𝑇) (2.65)

The parameters that are used for the hot gas heat transfer coefficient (𝛼፠) and adiabatic wall temper-
ature follow directly from the earlier discussed Bartz equation or Cinjarew equation (subsection 2.3.1)
and the film cooling analysis (section 2.5). On the other hand, the heat transfer coefficient for the
coolant (𝛼፜) follows from the modified Nunner, Norris or Dipprey-Sabersky correlation, as discussed in
subsection 2.4.1. The coolant bulk temperature (𝑇፜፨) that is used in the boundary is dependent on the
heat transfer at the downstream computational stations, as demonstrated in Equation 2.43.

Figure 2.21: Schematic overview of the architecture of the finite element solution algorithm in TDCAS.
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Lastly, a boundary condition for the hot gas radiative heat transfer is implemented using Equation 2.66,

𝜆፰
𝜕𝑇
𝜕𝑛 |ጁᎶ

= 𝑞፫ፚ፝ (2.66)

where 𝑞፫ፚ፝ denotes the radiative heat flux. The radiative heat flux is obtained from the semi-empirical
correlations of Kirchgberger et al. that were mentioned in subsection 2.3.2. These expressions are
solely a function of the hot gas temperature, pressure, and chamber radius. This means that 𝑞፫ፚ፝ is
a constant for a given thruster operating point and chamber geometry. For completeness, a radiative
heat transfer coupling from the (external) wall to the environment is also included, which is implemented
using Equation 2.67 [97]

𝜆፰
𝜕𝑇
𝜕𝑛 |ጁᎵ

= [5.67 ⋅ 10ዅዂ ⋅ 𝐹 ⋅ 𝜖 (𝑇ኼፚ + 𝑇ኼ) (𝑇ፚ + 𝑇)]⏝⎵⎵⎵⎵⎵⎵⎵⎵⎵⎵⎵⏟⎵⎵⎵⎵⎵⎵⎵⎵⎵⎵⎵⏝
ᎎᑣᑒᑕ

(𝑇ፚ − 𝑇) (2.67)

The radiation heat transfer to the environment is a function of the view factor (𝐹), the wall emissivity
(𝜖), and the ambient temperature (𝑇ፚ). The term between square brackets is often referred to as the
radiative heat transfer coefficient 𝛼፫ፚ፝. Although this coupling is not necessarily relevant for the regen-
eratively cooled thruster wall, it does extend the capabilities of TDCAS to also resolve the thermal field
of radiation-cooled thrust chambers or nozzle extensions in the future. Moreover, this type of boundary
condition could also be used for the hot gas radiation, provided that a good estimate of the gas emis-
sivity is available. For this application, the ambient temperature is replaced by the temperature of the
hot gas stream.

Figure 2.22: Schematic overview of computational domain and boundary conditions.

When heat transfer coefficients and the thermal conductivity of the wall are independent of the wall
temperature, and radiation energy exchange to the environment is neglected, the system described in
Equations 2.61-2.67 is linear and can be solved using basic matrix operations. Yet, in the application
of a thrust chamber, the hot gas heat transfer coefficient is a function of the wall temperature, which
makes the boundary condition nonlinear. In TDCAS, these nonlinearities are resolved using an iterative
Newton-Rhapson solution algorithm. The algorithm requires an initial guess for the nodal temperatures
and resolves the nodal temperature increment (see also Figure 2.21). This increment is added to the
initial guess until convergence is achieved. Convergence is defined based on Equation 2.68,
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||𝑑𝑇||
||𝑇|| ≤ 1 ⋅ 10

ዅዀ (2.68)

where ||𝑑𝑇|| denotes the norm of the nodal temperature increments and ||𝑇|| the norm of the nodal
temperatures. To avoid infinite loops in the solver, the maximum number of iterations is limited to 100.
In practice, convergence is typically achieved in 10-20 iterations.

2.6.2. Governing Equation Mechanical Deformation
In the linear elastic simulation, the partial differential equation presented in Equation 2.69 is numerically
solved [97]. In this expression 𝝈 represents the Cauchy stress tensor and 𝐟 the body force vector.

𝛁 ⋅ 𝝈 + 𝐟 = 𝟎 (2.69)

In the linear elasticity regime, the stress is directly related to the elastic strain (𝜺፞፥) component, following
the constitutive equation (Equation 2.70). The constitutive tensor (𝐂) is a 3×3matrix that follows directly
from Hooke’s law. The tensor is a function of the tensile modulus (𝐸) and the Poisson ratio (𝜈), which
are uniquely defined for a given material as a function of the temperature. As a result, the simulation of
the linear elastic mechanical domain requires nodal temperatures as input. These are obtained from
the steady-state thermal simulation.

𝝈 = 𝐂 ⋅ 𝜺፞፥ (2.70)

𝐂 = 𝐸
(1 + 𝜈)(1 − 2𝜈) [

1 − 𝜈 𝜈 0
𝜈 1 − 𝜈 0
0 0 1 − 2𝜈

] (2.71)

Note that Equation 2.71 is only valid for 2-D plane strain simulations. The definition of the constitutive
tensor is different for 2-D plane stress, 2-D axisymmetric, or 3-D simulations. The last equation required
to fully resolve the mechanical domain is the kinematic equation, which relates the nodal displacements
to the strain in the wall. This is given by Equation 2.72,

𝜺 =
⎡
⎢
⎢
⎢
⎣

Ꭷ፮
Ꭷ፱Ꭷ፯
Ꭷ፲

Ꭷ፮
Ꭷ፲ +

Ꭷ፯
Ꭷ፱

⎤
⎥
⎥
⎥
⎦

=
⎡
⎢
⎢
⎢
⎣

Ꭷ
Ꭷ፱ 0
0 Ꭷ

Ꭷ፲
Ꭷ
Ꭷ፲

Ꭷ
Ꭷ፱

⎤
⎥
⎥
⎥
⎦

[ 𝑢𝑣 ] (2.72)

where 𝑢 and 𝑣 denote the nodal displacements in the 𝑥- and 𝑦-direction respectively. Equation 2.72
represents the total strain in the wall, which is composed of an elastic (𝜺፞፥) and thermal (𝜺፭፡) strain
contribution, as shown in Equation 2.73.

𝜺 = 𝜺፞፥ + 𝜺፭፡ (2.73)

The thermal strain, shown in Equation 2.74, follows directly from the solution of the 2-D thermal do-
main. This strain component is given as a function of the coefficient of thermal expansion (𝛽), the wall
temperature in the elements (𝑇), and the zero-strain reference temperature (𝑇፫፞፟).

𝜺፭፡ = 𝛽(𝑇 − 𝑇፫፞፟) [ 1 1 0 ]ፓ (2.74)

One must bear in mind that the thermal strain is a hydrostatic strain component. This implies that it
only adds to the strain components in the 𝑥- and 𝑦- direction, whereas the contribution to the shear
component (𝑥𝑦-direction) is zero.
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Boundary Conditions
In the mechanical domain, the symmetry boundaries Γኻ and Γኼ in Figure 2.22 represent a “roller” con-
straint, which is implemented using Equations 2.75 and 2.76. Physically, this constraint implies that
the structure is free to deform in the direction tangent to the boundary. In the direction normal to the
boundary, no deformation is permitted.

𝐮 ⋅ 𝐧|
ጁᎳ
= 0 (2.75)

𝐮 ⋅ 𝐧|
ጁᎴ
= 0 (2.76)

The primary load that is acting on boundaries Γኽ, Γኾ, and Γ኿ is the pressure, which is implemented using
Equations 2.77-2.79 [39].

𝐧 ⋅ 𝝈 ⋅ 𝐧|
ጁᎵ
= 𝑝ፚ (2.77)

𝐧 ⋅ 𝝈 ⋅ 𝐧|
ጁᎶ
= 𝑝፠ (2.78)

𝐧 ⋅ 𝝈 ⋅ 𝐧|
ጁᎵ
= 𝑝፜፨ (2.79)

In these expressions, 𝑝ፚ denotes the ambient pressure, 𝑝፜፨ the coolant pressure and 𝑝፠ the local
chamber pressure.

2.7. Chapter Summary
In this chapter, the fundamental assumptions and modeling approach of the Two Dimensional Com-
bustor Analysis Software (TDCAS) were discussed. This tool was developed for the preliminary sizing
of a small additively manufactured thruster, propelled by 90% hydrogen peroxide and kerosene. This
chapter provides a detailed description of the fluid properties of 90% hydrogen peroxide (section 2.1),
as well as the fundamental steps taken for sizing of the thrust chamber (section 2.2). The core of TD-
CAS consists of a solution algorithm that predicts the steady-state temperature and mechanical stress
in the wall. This algorithm is based on the finite element method to resolve a 2-D nonlinear conduction
problem and linear elasticity problem (section 2.6).

In the current release of the program, the boundary conditions for the hot gas convection are resolved
using correlations posed by Bartz and Cinjarew, whereas radiation is modeled using a semi-empirical
correlation of Kirchgberger et al. (section 2.3). The boundary conditions for coolant convection are
based on the modified Nunner, Norris, or Dipprey-Sabersky equation, which are developed for fluid
flow in rough conduits (section 2.4). The steady-state temperature solution can be obtained with or
without the presence of a film coolant. For film cooling, the liquid model of Stechman et al. is used, in
combination with the gaseous model of NASA SP-8124 (section 2.5).



3
Model Verification

To gain confidence in the correct implementation of the 2-D models explained in the previous chapter,
several software verification steps are carried out. First, a grid convergence study is performed, which
is detailed in section 3.1. Hereafter, sections 3.2 and 3.3 compare the results of the thermal solver in
TDCAS to validated commercial software packages. Verification steps for the mechanical solver are
detailed in section 3.4. Unless described otherwise, all verification activities performed in this section
involve an arbitrary Inconel 718 verification engine design, which is described in Appendix B.

3.1. Grid Convergence Study
In subsection 2.2.3, it was discussed how TDCAS automatically creates a structured 2-D mesh. It was
noted that the refinement of the mesh can be controlled by the refinement depth parameter and the
axial spacing of the computational stations. For a properly set up numerical simulation, the obtained
result shall become independent of the computational domain. In other words, further refinements of
the mesh do not result in an appreciable change in the acquired solution.

Figure 3.1: Impact of refinement depth parameter on generated planar mesh (evaluated for verification engine at nozzle throat).

First, variations in axial spacing are studied, based on the default mesh with refinement depth 1 (Fig-
ure 3.1). Since heat conduction and strain in the axial direction of the thrust chamber are neglected,
the axial spacing does not directly impact the obtained solution. Yet, the axial spacing does impact the
evolution of the coolant temperature and pressure, which act as boundary conditions in both the thermal
and mechanical solver. Therefore, both axial spacing and mesh refinement are studied separately.

46
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For the axial refinement, a spacing of 6 mm, 4 mm, 2 mm, 1 mm, and 0.1 mm are studied, as shown in
Figure 3.2. The plot clearly shows that the impact of axial spacing on the resolved coolant temperature
is very small. As it is difficult to verify convergence base on the normalized temperature, relative per-
centage differences with respect to the finest spacing (0.1 mm) are considered in Figure 3.2 right. The
relative differences clearly show a decreasing offset with decreasing axial spacing, with the maximum
difference less than 0.5% for the 6 mm axial spacing setup.
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Figure 3.2: Axial spacing convergence study for coolant temperature.

Using an identical approach, the coolant bulk pressure convergence can be studied, as depicted in
Figure 3.3. Similar to the coolant temperature, the largest error is observed around the nozzle throat
where the flow velocity, and thus also the pressure drop, are highest. Additionally, the plot clearly
shows a decreasing error when the axial spacing is reduced. Based on the grid convergence study,
an axial spacing of 2 mm is selected, which provides a good balance between accuracy (<0.5% error
w.r.t. most refined spacing) and computational cost.

0 0.02 0.04 0.06 0.08 0.1 0.12 0.14

Axial position, mm

0.91

0.92

0.93

0.94

0.95

0.96

0.97

0.98

0.99

1

N
o
rm

a
liz

e
d
 c

o
o
la

n
t 
te

m
p
e
ra

tu
re

, 
-

0

20

40

60

80

100

120

140

160

180

C
h
a
m

b
e
r 

ra
d
iu

s
, 
m

m

0.1mm spacing

1mm spacing

2mm spacing

4mm spacing

6mm spacing

Chamber radius

0 0.02 0.04 0.06 0.08 0.1 0.12 0.14

Axial position, mm

-0.2

0

0.2

0.4

0.6

0.8

1

1.2

1.4

1.6

E
rr

o
r 

w
it
h
 r

e
s
p
e
c
t 
to

 0
.1

 m
m

 s
p
a
c
in

g
, 
%

0

20

40

60

80

100

120

140

160

180

C
h
a
m

b
e
r 

ra
d
iu

s
, 
m

m

Figure 3.3: Axial spacing convergence study for coolant pressure.

Second, variations in refinement of the planar mesh are considered, using a refinement depth of 0.5,
1, 1.5 and 2, as illustrated in Figure 3.1. The default mesh (refinement 1) counts 150 elements and
186 nodes, whereas the most refined mesh consists of 690 nodes. When studying the convergence of
the temperature on the mesh, it is not practical to compare solutions at every single node. Instead, the
resolved temperature is only compared below the rib (node A in Figure 3.1), which marks the location
where the temperature is expected to be highest. Results at this node - for the four refinement depths
and axial spacing of 2 mm - are presented in Figure 3.4. For ease of visualization, all temperatures
are normalized with respect to the maximum temperature observed in the most refined mesh. Data
presented in this figure highlights negligible changes in the predicted temperature when the refinement
depth is greater than 1. Therefore, this refinement depth is adopted for all future calculations.
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Figure 3.4: Thermal domain mesh refinement study for node A, with refinement depth based on Figure 3.1.

The last grid convergence study considered covers the mechanical domain. In this verification activity,
the mesh of the verification engine design is refined and the equivalent stress at distinct nodes is
studied. These nodes correspond to the eight labeled corner nodes, A-H, in Figure 3.1 on the right.
The grid convergence study is carried out at the throat plane, with boundary condition implemented as
described in subsection 2.6.2.
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Figure 3.5: Mechanical domain mesh refinement study for nodes A-H, with refinement depth based on Figure 3.1.

The results obtained during this convergence study are visualized in Figure 3.5 for different mesh
refinement depths. The plot clearly shows a convergence of the equivalent stress at nodes A, B, D, F, G,
and H for refinement depths greater than 1. At nodes, C and E, no state of convergence was achieved.
In the mesh, these two nodes correspond to the 90° corners of the cooling channel. Physically, these
corners will result in a concentration of stress. Numerically, these sharp corners introduce a singularity
in the solution algorithm, where stresses approach infinity upon further refinement of the mesh [98].
Therefore, the fact that the equivalent stress at nodes C and E does not converge is reasonable,
provided the aforementioned arguments. It is noted that in reality, stress values will not take an infinite
magnitude; this is purely a consequence of the numerical operations taken. The singularities in the
solution could be avoided by mitigating sharp corners in the mesh, for example by including edge fillets
or chamfers. This is not included in the current version of TDCAS but would be a relevant addition for
future work on the developed software.
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3.2. Hot Gas Heat Transfer
Although the grid convergence study verifies that the obtained numerical solution becomes indepen-
dent of the grid spacing, it does not tell anything about the correctness of the implemented thermal and
mechanical boundary conditions. To verify that these are implemented correctly, intermediate and final
results of TDCAS are compared against results obtained from the software package Rocket Propulsion
Analysis (RPA)1. RPA is a validated commercial software package which is developed for the prelim-
inary design of rocket engines [35]. Like CEA, RPA can predict the 1-D combustion gas properties
and performance parameters. However, unlike CEA, RPA can also perform a 1-D steady-state ther-
mal analysis of a regeneratively cooled thrust chamber. This makes the software more versatile for
preliminary design purposes.

First, the correct implementation of the hot gas convection correlations is verified, by comparing re-
sults of TDCAS to outputs of RPA. In RPA, the gas-side convective heat transfer is obtained from the
correlation of Bartz (Equation 2.28). To isolate the hot gas convection from conduction in the wall and
coolant convection, a constant wall temperature of 900 K is assumed. Results of this comparison are
presented in Figure 3.6 for the convective heat transfer coefficient and adiabatic wall temperature. This
image reveals an excellent agreement between the modeling of the Bartz equation in TDCAS and RPA.
The modified Bartz equation, proposed in the film cooling model of Stechman et al., agrees well with
the standard Bartz equation despite showing small deviations downstream of the nozzle throat. The
correlation of Cinjarew on the other hand predicts a significantly lower heat transfer coefficient. Depen-
dent upon the axial position in the nozzle, the predicted heat transfer coefficient is 22-35% less than
the value that is obtained from the Bartz equation. It must be noted that this plot does not tell anything
about the validity of any of the proposed convection models in the context of the Mk-II thruster. How-
ever, one can verify that the Bartz equation is correctly implemented in TDCAS, when considering RPA
as reference. What is more, the much lower convective heat transfer that is predicted with the Cinjarew
equation - compared to the Bartz equation - is also reported by Werling et al. [100]. Although this does
not fully conclude on the correct implementation of the Cinjarew model, it does demonstrate that this
lower trend is also observed by other scholars.
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Figure 3.6: Comparison of hot gas convective heat transfer coefficient and adiabatic wall temperature predicted by TDCAS and
RPA under a uniform wall temperature of 900 K.

The adiabatic wall temperature predicted by TDCAS and RPA, depicted in Figure 3.6, shows a good
agreement. There exist some minor differences far upstream and downstream of the throat. Yet, these
differences are only 4 K at the injector plane and 1 K at the nozzle exit plane, which is negligibly small
compared to the magnitude of the adiabatic wall temperature (>2600 K). The difference in adiabatic
wall temperature can be traced to the fact that RPA uses a slightly different gas composition than
CEA. From this comparison, one can verify that the adiabatic wall temperature is correctly calculated
in TDCAS, when considering RPA as reference.

1More info about this software can be found on the website of the developer: https://www.rocket-propulsion.com.

https://www.rocket-propulsion.com
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3.3. Wall Temperatures
In the previous section, the correct implementation of the hot gas heat transfer was verified by com-
paring the results of TDCAS to RPA. In this section, this verification is extended by also comparing
predicted wall temperatures between the two computational tools. Before opening the discussion, it is
important to mention that the user cannot modify the heat transfer correlations for the coolant in RPA.
For any coolant that is not kerosene, methane, or hydrogen, RPA assumes the standard Dittus-Boelter
correlation for convective heat transfer2. Hence, no corrections are applied for either curvature, rough-
ness, or flow development. Although this is a problem that may challenge the validity of the solution in
RPA, the results of RPA can still be used to verify that the solution algorithm in TDCAS is correctly imple-
mented, provided that the same heat transfer correlation is used (Dittus-Boelter, without corrections).
Besides, RPA also assumes a constant thermal conductivity in the wall, rather than a temperature-
dependent value which is used in TDCAS. Lastly, RPA estimates 2-D heat transfer effects through the
ribs using a correction factor based on classical fin theory, which is described in Equation 3.1 [23].

(𝛼፜)፟።፧
𝛼፜

= ( 𝑐፰
𝑐፰ + 𝑙፰

) + 𝜂፟።፧ (
2𝑐፫

𝑐፰ + 𝑙፰
) 𝜂፟።፧ =

tanh(√ኼᎎᑔ፥ᑨ
᎘ᑨ

፜ᑣ
፥ᑨ
)

√ኼᎎᑔ፥ᑨ
᎘ᑨ

፜ᑣ
፥ᑨ

(3.1)

In this expression, 𝛼፜ denotes the coolant heat transfer coefficient, 𝑐፰ the channel width, 𝑐፫ the channel
height, 𝑙፰ the land (rib) width, 𝜂፟።፧ the fin efficiency factor, and 𝜆፰ the thermal conductivity of the cham-
ber wall. The net heat flux through the wall follow from the 1-D energy balance noted in Equation 3.2,

𝑞 = 𝛼፠(𝑇ፚ፰ − 𝑇፰፠)⏝⎵⎵⎵⎵⏟⎵⎵⎵⎵⏝
፜፨፧፯፞፜፭።፨፧

= 𝜆፰
𝑡፰
(𝑇፰፠ − 𝑇፰፜)⏝⎵⎵⎵⎵⏟⎵⎵⎵⎵⏝
፜፨፧፝፮፜፭።፨፧

= (𝛼፜)፟።፧(𝑇፰፜ − 𝑇፜፨)⏝⎵⎵⎵⎵⎵⏟⎵⎵⎵⎵⎵⏝
፜፨፧፯፞፜፭።፨፧

(3.2)

where 𝑇ፚ፰ denotes the adiabatic wall temperature, 𝑇፰፠ the gas-side wall temperature, 𝑇፰፜ the coolant-
side wall temperature, 𝑇፜፨ the bulk temperature of the coolant, and 𝑡፰ the thickness of the wall sep-
arating the coolant from the hot gas. This expression is also implemented in TDCAS. This way, the
user can select to perform either a 2-D thermal analysis or a 1-D thermal analysis of the thrust cham-
ber wall. To verify the correctness of implementation of the iterative thermal solver in TDCAS, we first
compare results for a constant wall thermal conductivity and Dittus-Boelter heat transfer correlation
(without roughness corrections).
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Figure 3.7: Comparison of predicted wall temperatures by TDCAS and RPA for a constant wall thermal conductivity with 1-D
(left) and 2-D (right) thermal solution.

2For reference, RPA uses the Nusselt correlation ፍ፮ ዆ ኺ.ኺኼኻፑ፞Ꮂ.Ꮊᑔᑠ ፏ፫Ꮂ.Ꮆᑔᑠ (ኺ.ዀኾ ዄ ኺ.ኽዀፓᑔᑠ/ፓᑨ) for kerosene, ፍ፮ ዆
ኺ.ኺኻዂ኿ፑ፞Ꮂ.Ꮊᑔᑠ ፏ፫Ꮂ.Ꮆᑔᑠ (ፓᑔᑠ/ፓᑨ)Ꮂ.Ꮃ for liquid methane, and ፍ፮ ዆ ኺ.ኺኽኽፑ፞Ꮂ.Ꮊᑔᑠ ፏ፫Ꮂ.Ꮆᑔᑠ (ፓᑔᑠ/ፓᑨ)Ꮂ.ᎷᎹ for liquid hydrogen [35].
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Results based on 1-D and 2-D heat transfer in the wall are depicted in Figure 3.7. When the wall
is resolved in 1-D, the results agree excellently with RPA. This is expected, since the simulation set-
up is identical. This provides confidence in the correct implementation of the 1-D thermal solver in
TDCAS. More interesting are results for the 2-D thermal field, presented in Figure 3.7 on the right.
Since the 2-D solver considers conduction in both the radial and circumferential direction, and the wall
is non-symmetric due to the presence of ribs, we expect to see thermal gradients in both directions.
This expectation is confirmed by simulations, which reveal a maximum temperature difference of 113
K at the nozzle throat. The maximum wall temperature occurs below the rib, whereas the minimum
temperature is obtained below the channel.

The simulated wall temperatures based on a 1-D analysis in RPA are in fair agreement with the wall
temperatures predicted by the 2-D analysis in TDCAS, yet fail to predict the increase in temperature
below the rib. Comparable observations are also documented by Sung and Anderson [101] in the
application of copper alloy thrust chambers. They document a maximum wall temperature difference
of 50 K between a 1-D and 2-D code, concerning a predicted 2-D wall temperature of 545 K. For low
conductivity chambers, like Inconel, thermal gradients are generally much larger, as demonstrated in
Figure 3.7. Since thermal strains that develop in the wall are proportional to the temperature, this can
result in a reasonable increase in strain in the wall. For the reference engine studied in Figure 3.7, the
corresponding thermal strain is underpredicted by 7% when a 1-D simulation is used.

Interestingly, the bulk coolant temperature rise appears to be very insensitive to the use of a 1-D or 2-D
conduction solver. A similar observation is made by Denies [36], who compared a 1-D analysis to a 3-D
heat transfer simulation, in which the coolant flow is also numerically resolved. In these simulations,
the predicted coolant temperature also showed to be very insensitive to the use of a multidimensional
heat transfer analysis code. Yet, the predicted wall temperature was found to be much lower when
using a 1-D code, compared to a multidimensional conduction model.

Figure 3.8: Comparison of wall temperature at the nozzle throat, predicted using TDCAS (left) and Ansys 2020 R2 (right).

The comparison of TDCAS to RPA is suitable to observe that the general order of magnitude of values
is correct. Furthermore, it is known from section 3.1 that the numerical solution converges when the
mesh is refined. Additionally, from section 3.2, one can learn that the hot gas heat transfer correlations
are correctly implemented. As a last step of verification, the 2-D results of TDCAS are compared to
a steady-state thermal simulation in Ansys 2020 R2. Ansys is an off-the-shelve numerical software
package that can be used to study a large variety of physical problems, including heat transfer, fluid
dynamics, and structural mechanics. In Ansys, the heat transfer problem is solved at the nozzle throat
plane of the verification engine design. The automatic mesh generator of Ansys is used to create a
coarse and fine mesh, depicted in Figure 3.8 right. The coarse mesh is set up with a minimum element
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size of 0.1 mm, corresponding to 313 elements in the computational domain. The fine mesh is set up
with a minimum element size of 0.05 mm, resulting in 1194 elements. Nusselt numbers for the hot gas
and coolant heat transfer are obtained from the correlation of Bartz and the modified Nunner expression
discussed earlier in this report.

A graphical comparison of the temperature field predicted by TDCAS and Ansys is presented in Fig-
ure 3.8. One may observe that the minimum and maximum temperatures that are predicted by the two
solvers are in excellent agreement. Moreover, a qualitative assessment shows a good agreement of
the temperature field. Eight nodes, labeled A-H in Figure 3.8 left, are defined at which the temperature
is probed. The results for both TDCAS and Ansys are listed in Table 3.1.

Table 3.1: Comparison of nodal temperatures (in Kelvin) predicted by TDCAS and Ansys.

Node TDCAS-C(1) Ansys-C Difference TDCAS-F(2) Ansys-F Difference
A 1191.6 1191.7 0.01% 1193.0 1193.0 0.00%
B 1051.4 1051.1 0.03% 1052.0 1051.9 0.01%
C 488.1 486.1 0.42% 491.5 490.9 0.11%
D 418.8 418.8 0.01% 419.1 419.1 0.00%
E 340.5 340.5 0.01% 340.9 341.0 0.01%
F 332.4 332.4 0.00% 332.5 332.5 0.00%
G 363.1 363.1 0.02% 363.7 363.8 0.01%
H 359.2 359.2 0.02% 359.7 359.8 0.01%
(1) Coarse mesh, 313 elements.
(2) Fine mesh, 1194 elements.

From Table 3.1, one can conclude that the temperature at the reference nodes agrees excellently
between TDCAS and Ansys, with an absolute error less than 0.42% for the coarse mesh and less than
0.11% for the finemesh. Moreover, the difference between the two codes decreases when bothmeshes
are refined. The small differences that remain present between TDCAS and Ansys are expected to be
caused by round-off errors or discretization errors.

3.4. Mechanical Domain
The first verification step that is used for the mechanical solver involves a heavily simplified geometry.
The geometry selected for this application is a thrust chamber with no cooling channels, for which both
the stress and temperature can be obtained analytically. The planar wall studied in these unit tests has
a radius of 8.03 mm, wall thickness of 1 mm, and is exposed to an internal pressure of 1 MPa. The
reference material used in the unit tests is Inconel 718, with material properties as specified in ref. [40].
When uncoupled from the thermal domain, the wall acts as a standard pressure vessel, in which the
hoop stress can be obtained from thin-walled theory, described in Equation 3.3.

𝜎 = 𝑝 ⋅ 𝑟
𝑡 (3.3)

In Equation 3.3, 𝑝 is the internal pressure (1 MPa), 𝑟 the radius (8.03 mm), and 𝑡 the wall thickness
(1 mm). From Equation 3.3, the hoop stress in the planar cylinder section equals 8.03 MPa. The
same setup is loaded in TDCAS, with corresponding results (for a section of the wall) presented in
Figure 3.9. From these results, one can observe that the numerical solution is in excellent agreement
with the analytical solution. At the centerline of the cylinder, the numerical estimate equals 8.1 MPa,
which is a difference of less than 0.9% from the analytical estimate. This difference decreased upon
refinement of the mesh.

The second geometry considered for verification is the planar thrust chamber wall of the verification
engine design. This geometry is considerably more complex than the standard pressure vessel ge-
ometry considered in Figure 3.9 and lacks a proper analytical solution. Therefore, results for nodal
displacement are compared to Ansys, to get an indication of the correctness of implementation. The
procedure adopted is very similar to the numerical comparison of the thermal domain, discussed earlier
in section 3.3.
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Figure 3.9: Unit hoop stress test in TDCAS with pressure vessel geometry.

Both simulations are set up with a hot gas pressure of 2.28 MPa acting on boundary A-B in Figure 3.10
and a coolant pressure of 6.93 MPa, acting on boundaries C-D, C-E, and E-F. To independently verify
the mechanical domain from the thermal domain, thermal strains are not included in this comparative
analysis. The results for the total deformation of the wall under the aforementioned load case are
depicted in Figure 3.10. From this figure, one can distinguish a good agreement between deformation
results predicted by TDCAS and Ansys.

Figure 3.10: Comparison of nodal displacement at the nozzle throat, predicted using TDCAS (left) and Ansys 2020 R2 (right).

A quantitative comparison at the eight labeled nodes is presented in Table 3.2 for the nodal deformation
in both the x-direction and y-direction. This table reveals a good agreement between the two numerical
solvers, though some moderate deviations (absolute difference >0.75%) exist at nodes C and E. In the
mesh, these nodes correspond to the two 90° corners of the cooling channels. At the nodes C and E
in the mesh, the surface traction boundaries of edges E-F and C-E as well as C-D and C-E overlap.
It is believed that this could be a cause for the larger difference. Nevertheless, at the nodes A and B,
where stresses are generally highest [39], the comparative analysis shows a good agreement, with an
absolute difference of less than 0.5%.
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It is important to mention that differences between TDCAS and Ansys do not necessarily imply that one
solver is right and the other is wrong. One has to recall that both programs resolve the same partial
differential equation, but may use a completely different algorithm to do so. Without experimental mea-
surements, it is hard to address which of the two solvers provides the most accurate representation of
reality. Nevertheless, the predicted nodal displacements are in reasonable to good agreement between
the two solvers, which provides confidence in the correct implementation of the numerical mechanical
solver.

Table 3.2: Comparison of nodal displacements (in nm) in the x- and y-direction predicted by TDCAS and Ansys.

Node TDCAS X Ansys X Difference TDCAS Y Ansys Y Difference
A -84.67 -85.01 0.40% 967.74 971.65 0.40%
B 0.00 0.00 0.00% 934.14 931.15 0.32%
C -53.37 -53.84 0.88% 954.96 958.06 0.32%
D 0.00 0.00 0.00% 909.47 906.59 0.32%
E -57.08 -58.29 2.08% 964.15 968.82 0.48%
F 0.00 0.00 0.00% 989.81 996.29 0.65%
G -80.74 -81.20 0.57% 922.82 928.07 0.57%
H 0.00 0.00 0.00% 926.89 932.69 0.62%
Comparison based on Ansys mesh with 1034 elements.ts.

During a final software verification test, the temperature-induced loads were added to the pressure-
induced loads studied in Figure 3.10. When simulating the engine, it was observed that the equivalent
stress in the wall exceeded 2500 MPa, as depicted in Figure 3.11. This value is far above the yield
stress of Inconel 718. For reference, the commercial vendor EOS [102] reports a vertical offset yield
strength of 1145 MPa and horizontal offset yield strength of 1240 MPa for AM Inconel 718, when heat
treated per AMS 2774. Recall from the introduction of this report that AM parts typically have anisotropic
material properties in the direction normal to the build plate (vertical) and tangential to the build plate
(horizontal). EOS also reports an ultimate tensile strength of 1375 MPa in the vertical direction and
1505 MPa in the horizontal direction for AM Inconel 718. From these values, one can clearly observe
that the stress predicted under the linear elasticity assumption exceeds the yield criterion of AM Inconel
718.

Figure 3.11: Invalid equivalent stress at the throat plane (left) and arbitrary stress-strain diagram of a ductile metal (right).

Similar observations of stress exceeding the yield criterion were made when the same setup was simu-
lated in Ansys 2020 R2 with the linear elasticity assumption. Interestingly, the high stresses only occur
in the wall separating the cooling channel from the combustion gas, whereas the rib and closeout show
stresses that do not exceed the yield criterion. Physically, these high stresses in the chamber wall imply
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that the material is either facing plastic deformation or failure. Both these phenomena are not taken
into account in the thermo-elastic simulation that is used in TDCAS. The reason for this significant over-
prediction of the stress is explained in Figure 3.11 on the right, which shows an arbitrary engineering
stress-strain diagram of a ductile metal, together with the linear elasticity assumption that is used in
TDCAS. For any given value of strain, the linear elasticity assumption relates the stress to the strain
conform Hooke’s law, which is indicated with the dashed line. In practice, this law is only valid when
the equivalent stress lies inside the yield surface. This surface is typically bounded by the (offset) yield
stress. Beyond the yield stress, the slope of the stress-strain curve flattens, until the ultimate stress is
reached. In this plastic deformation regime, the equivalent stress lies on the yield surface. When the
chamber wall is deforming plastically, strain hardening of the material may occur, which alters the yield
surface [97]. As a result, the stress, strain, and deformation of the wall become dependent on the load-
ing and unloading history. The nonlinear relation between stress and strain, as well as potential strain
hardening effects, are not taken into account when using a linear elastic model. Therefore, stresses
are greatly overpredicted.

The engine studied in this verification simulation operates at a chamber pressure of 4 MPa. As a final
attempt, several simulations were carried out where the chamber pressure was reduced to 1 MPa.
Since the convective heating from the hot gas reduces with pressure (Equation 2.28), a great reduction
in wall temperature, and consequently thermal strain, can be expected. Nevertheless, even at this re-
duced pressure, the predicted equivalent stress (1293MPa) still exceeded the yield criterion. Operation
at even lower chamber pressures will likely result in reasonable results when using the linear elasticity
assumption since the offset yield stress of AM Inconel 718 is in the range 1145-1240 MPa. Never-
theless, operating the Mk-II thruster at such low pressures greatly impacts the overall competitiveness
of the chamber, from a technical performance point of view (recall from section 2.2 that low chamber
pressures reduce the thrust coefficient and increase the required chamber volume). Therefore, it can
be concluded that even in a small engine like the Mk-II, the use of a linear elastic assumption to predict
mechanical loading of the wall is invalid, when using AM Inconel 718 as material.

To resolve the structural domain numerically, an elastoplastic numerical solver would be required. Yet,
these types of solvers are considerably more complex to program and require detailed knowledge about
the plastic behavior of the material, which is not available in the current phase of this study. Besides,
modeling the plastic domain was not considered within the scope of this study. Hence, it was decided
to constrain the maximum thermal loading of the wall by a limit wall temperature, rather than a limit
value for the equivalent stress (similar to the approach suggested in refs. [36, 86]).

3.5. Chapter Summary
In this section, several verification techniques were discussed and applied to TDCAS, to gain con-
fidence in the correct implementation of the code. A grid convergence study demonstrated that the
numerically obtained results are independent of the mesh spacing (section 3.1). The wall tempera-
tures and hot gas heat transfer obtained from TDCAS were compared to 1-D results predicted by RPA,
a validated software package that can predict heat transfer in rocket engines (section 3.2). The compar-
ison demonstrated a good agreement between the two solvers. Uncoupled from the thermal domain,
the linear elastic analysis performed in TDCAS showed good agreement with analytical models and
other numerical software packages (sections 3.3 and 3.4). When coupled to the thermal domain, stress
magnitudes that exceeded the yield criterion were observed, which invalidated the linear elasticity as-
sumption. As a result, it was decided to continue the design with a maximum service temperature of
the wall, rather than constraining the design based on mechanical stress.



4
Experimental Validation

In chapter 3, the (intermediate) results of TDCAS were verified. However, these activities only learn
something about the correctness of implementation and not necessarily about the correctness of the
model based on real-world measurements. In this chapter, experimental data is used to validate the
simulations performed in TDCAS. First, in section 4.1, the rough channel convection correlations are
compared to measurements in AM cooling channels. Second, in section 4.2, the hydrogen peroxide
film cooling models are calibrated and validated against experiments in research thrusters. Third,
in section 4.3, the regenerative cooling model is compared against measurements with the current
iteration of the Mk-II engine developed by Dawn Aerospace. It is noted that this data set is unique, since
it covers regenerative cooling with hydrogen peroxide, which is not often seen in the open literature.
Fourth, immersion screening tests with AM Inconel 718, conducted as a part of the ESA FLPP project,
are briefly discussed in section 4.4. These tests are used to validate the chemical compatibility of AM
Inconel 718 with concentrated hydrogen peroxide.

Lastly, it is worth noting that the data sets that were available to the author could only provide partial
validation of TDCAS. For example, the use of AM Inconel 718 in the context of the thrust chamber
could not be fully validated yet. These hot-fire tests are planned for fall/winter 2021 as a part of the
ESA FLPP project. A brief description for the FLPP tests that are required to fully validate TDCAS is
provided in Appendix A.

4.1. Rough Channel Heat Transfer Experiments in the Literature
In subsection 2.4.1, three empirical Nusselt correlations were introduced to model the hydrogen per-
oxide convective heat transfer in rough conduits, based on the work of Nunner, Norris, and Dipprey-
Sabersky. For all correlations, limited to no experience could be found in the literature regarding the
applicability to AM cooling channels. In this section, the proposed convection models are compared to
heat transfer experiments in AM channels described in the open literature.

4.1.1. Experimental Setup
The experimental data set considered in this thesis is based on the research of Stimpson et al. [25]
and Wildgoose et al. [76]. Both research groups studied heat transfer in AM cooling channels manu-
factured from Inconel 718 (and cobalt-chrome). It is worth mentioning that several outcomes of these
test campaigns were already introduced in subsection 2.4.1.

The experimental setup of both research groups is depicted in Figure 4.1 on the left. Air is discharged
through an AM coupon, illustrated in Figure 4.1 on the right, which has small rectangular and circular
cooling channels. Stimpson et al. only consider rectangular channels fabricated under an AM build
angle of 45°. Wildgoose et al. on the other hand consider circular channels and experiments with
build angles of 0°, 30°, 45°, 60°, and 90°. Only the latter three build angles are deemed relevant
in the application of the thrust chamber, when adopting the definition of the build angle presented
in Figure 2.12. All cooling channels of the AM test coupons have a hydraulic diameter in the range
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of 0.4 mm to 1.3 mm. The experiments are carried out at Reynolds numbers up to 4 × 104. In the
Mk-II thruster, the Reynolds number in the cooling passages typically does not exceed 1 × 105 at the
throat, and 5 × 104 in the chamber, which is reasonably close to the data range of Stimpson et al. and
Wildgoose et al. Besides, the maximum hydraulic diameter used in the Mk-II thruster cooling channels
does not exceed 1.3 mm, which falls within the investigated experimental range.

During the flow tests, the pressure and temperature of the air upstream and downstream of the AM
coupon are measured. This is achieved with pressure transducers and thermocouples. Moreover, the
mass flow rate is measured with a laminar flow element. The air in the cooling channels is indirectly
heated via copper blocks that surround the AM coupon. The purpose of these blocks is to ensure
a uniform temperature distribution along the length of the channels. To minimize conduction losses,
thermal paste is applied at the interfaces between the AM coupon and copper blocks. The temperature
inside the copper blocks is also monitored using thermocouples. The full test section is isolated from
the environment with rigid foam. For a more detailed explanation of the test setup and measurement
equipment that is used, the reader is referred to the original pieces of literature [25, 76].

Figure 4.1: Schematic representation of test setup and typical additively manufactured test article used in the heat transfer
studies of Stimpson et al. and Wildgoose et al. (reprinted from ref. [76]).

It must be mentioned that several differences exist between the air flow experiments in the literature
and coolant flow in the AM Mk-II thruster. For instance, the maximum wall temperature and heat flux
that are obtained in the Mk-II thruster are much higher. In addition, a fluid with different thermophysical
properties is being used. Unfortunately, heat transfer experiments with hydrogen peroxide, or a more
representative fluid like water, in AM channels could not be found in the open literature. As a result,
the experiments of Stimpson et al. and Wildgoose et al. represent the best available dataset that could
be acquired within the scope of this thesis. Despite the earlier mentioned difference between the Mk-II
and air flow experiments, it is expected that the experimental work of Stimpson et al. and Wildgoose et
al. can be used to learn more about the applicability of proposed heat transfer models to flow in small
AM cooling channels.

4.1.2. Description of Experimental Data
Both research groups provide experimental data on the hydraulic diameter, equivalent sand grain
roughness, friction factor, Reynolds number, and Nusselt number. One must be aware that only the
hydraulic diameter is directly measured using CT scans. All other aforementioned parameters are de-
rived from the measured mass flow rates, temperatures, and pressures. Raw data for mass flow rate,
temperature, and pressure is not provided.

The first five columns of Table 4.1 provide an overview of the derived Reynolds number, Nusselt num-
ber, equivalent sand grain roughness (𝑘፬/𝐷፡), and friction factor augmentation (𝑓/𝑓ኺ). One may recall
that the friction factor is a function of the Reynolds number and surface roughness, conform Equa-
tion 2.37. The table only lists experiments that have a bulk flow Reynolds number greater than 1 × 104.
Experiments at lower Reynolds numbers are considered less relevant, considering the typical Reynolds
numbers observed in the cooling channels of the Mk-II thruster.
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4.1.3. Comparison Experiments to Model
The sixth to the thirteenth column of Table 4.1 show the Nusselt number that is predicted by TDCAS.
These predictions are based on:

• The Dittus-Boelter equation for smooth channels (Equation 2.34) without roughness corrections.

• The Dittus-Boelter equation with modified Nunner surface roughness correction (Equation 2.35).

• The Dittus-Boelter equation with Norris surface roughness correction (Equation 2.36).

• The Dipprey-Sabersky correlation for flow in rough channels (Equation 2.38).

All simulations are executed based on themeasured Reynolds number and a (constant) Prandtl number
equal to 0.71. Errors with a “-” sign correspond to an underprediction of the Nusselt number in TDCAS.
On the other hand, a “+” sign indicates an overprediction of the Nusselt number.

From the comparison with experimental data in Table 4.1, one can observe that the uncorrected Dittus-
Boelter yields are considerable underprediction of the heat transfer and is hence considered unsuitable
for the simulation of heat transfer in AM cooling channels. The modified Nunner correlation provides a
reasonable first-order estimation, but differences up to 61% exist. The average error for this equation
is 14.1%. The Nusselt number correction factor of Norris tends to overpredict the heat transfer in
almost all experiments. Interestingly, an excellent agreement is observed in test S-2x-Co. The exact
reason for this could not be settled on, given the data available in the literature. The correction factor
of Norris has an average error of 35% with the test data. The equation of Dipprey and Sabersky shows
a trend similar to that of Nunner, yet has a slightly larger average deviation from the test data (19.9%
respectively).

To observe potential trends in the data, the errors listed in Table 4.1 are plotted against the bulk flow
Reynolds number and friction factor augmentation, as illustrated in Figure 4.2. From this plot, one can
observe that the error in the prediction of the Nusselt number tends to grow with increasing Reynolds
number. This is consistent for all three modeling approaches (modified Nunner, Norris, and Dipprey-
Sabersky). Furthermore, there seems no clear relation between the friction factor augmentation and
the error in Nusselt number prediction.
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Figure 4.2: Error in prediction of AM channel Nusselt number for different roughness models as a function of the Reynolds
number and friction factor augmentation.

It is important to mention that the data of Stimpson et al. and Wildgoose et al. do not conclude on
the applicability of the considered Nusselt correlations in AM thrust chambers cooled with hydrogen
peroxide. However, it does provide relevant information on the applicability in AM cooling channels,
with a size comparable to those in the Mk-II thruster. In light of the observations, the modified Nunner
correlation seems most promising to predict the heat transfer in rough AM channels, followed by the
Dipprey-Saberrsky correlation. Yet, more experiments are required - ideally with hydrogen peroxide -
to fully understand the impact of high surface roughness on heat transfer. The impact of the uncertainty
in prediction will be evaluated in sensitivity studies later in this report.
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4.2. Film Cooling Experiments in the Literature
To calibrate and validate the film cooling model, experimental data available in the open literature
is used. Two relevant pieces of research were found in the work Heo et al. [55] and Kwak [62].
Both utilize hydrogen peroxide film cooling in the application of a small bipropellant thrust propelled
by 90% hydrogen peroxide and kerosene. In subsection 4.2.1, the experimental setup that is used
in both publications is briefly discussed. Hereafter, in subsection 4.2.2, typical test results of both
pieces of literature are discussed. These results are compared to the proposed film cooling model in
subsection 4.2.3.

4.2.1. Experimental Setup
Both data sets are based on research at the Korean Advanced Institute of Science and Technology. As
a result, the experiments have many similarities in terms of the measurement setup that is used. Both
thrust chambers (Heo and Kwak) feature a thick-walled geometry without internal cooling channels.
Therefore, cooling of the chamber is only achieved by the hydrogen peroxide film and by radiation from
the chamber wall to the environment. The tests are performed in a laboratory environment at ambient
conditions, in which the thruster is fired in a horizontal position (see also Figure 4.3).

The kerosene core flow and hydrogen peroxide film flow are injected in the liquid phase, whereas the
hydrogen peroxide core flow is injected in the decomposed state (oxygen and steam, 1019 K). The
hydrogen peroxide is decomposed in a catalytic reactor that is placed upstream of the injector. This
design concept is identical to the Mk-II engine. For injection of the core flow, both research thrusters
use a showerhead type injector, which is different from the injector configuration that is used in the
Mk-II engine. To transfer the propellants from the storage tank to the thrust chamber, both research
thrusters use a pressure-fed setup with high purity nitrogen gas as a pressurant.

Figure 4.3: Hot-fire test of hydrogen peroxide film-cooled research thruster of Heo et al. (adapted from ref. [55]).

A brief overview of the most important engine design characteristics, as well as the typical operating
regime, is listed in Table 4.2. From this table, one can conclude that the research thruster of Heo is
most comparable to the Mk-II in terms of size and thrust output. Primary differences between the Mk-II
engine and the thruster of Heo are a much higher chamber pressure and much shorter characteristic
length in the Mk-II. As a result, the Mk-II thrust chamber has a much smaller size.

In both thrusters, the mass flow rates are obtained from differential pressure measurements over a
venturi tube (core flow) or orifice plate (film flow). The relation between differential pressure and mass
flow rate follows directly from Bernoulli’s principle and the geometry of the venturi tube or orifice plate.
Other sensors used in the test setup include pressure transducers to measure fluid pressures and K-
type thermocouples to measure the temperature of the thrust chamber wall. All thermocouples are
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mounted at the upper side of the thrust chamber, concerning the horizontal test configuration depicted
in Figure 4.3. At the nozzle throat, both experiments featured an additional thermocouple at the lower
side of the thrust chamber. The exact placement of the thermocouples, with respect to the injector
plane and inner chamber perimeter, is mentioned in the original pieces of literature and not repeated
here.

Table 4.2: Engine design parameters of hydrogen peroxide film-cooled thrusters (data from refs. [55, 62]).

Parameter Heo Kwak
Mixture ratio 7.11-9.51 7.01-.7.35
Vacuum thrust ∼2500 N ∼800 N
Chamber pressure 1.80-2.11 MPa 1.59-1.84 MPa
Characteristic length 1.34 m 0.95 m
Chamber diameter 80 mm 60 mm
Throat diameter 29.25 mm 16.83 mm
Nozzle exit diameter 47.3 mm 37.44 mm

A detailed overview of all hot-fire tests relevant to this study is presented in Table 4.3. This table sum-
marizes the measured film fraction (𝜔), total mixture ratio (𝑀𝑅), chamber pressure (𝑝፨), oxidizer flow
rate (𝑚̇፨፱), fuel flow rate (𝑚̇፟፮), and film flow rate (𝑚̇፜፟). Both researchers perform long-duration tests
(> 10 seconds) in a film-cooled configuration and short-duration reference tests without the presence
of the film coolant. In these tests, the chamber is essentially operated as a heat sink that is radiating
heat to the environment. These reference tests (labeled R1-R3 in Table 4.3) are used in combination
with the film-cooled tests (labeled F1-F8 in Table 4.3) for estimating losses in characteristic velocity
when film cooling is applied.

The research of Kwak also describes tests with two different film coolant injectors. The difference
between these two injector designs is merely the number of orifices uses (36 versus 32), whereas the
orifice diameter (0.3 mm) is kept constant. As a result, the film flow rate is slightly higher in experiments
KWAK-F4 to KWAK-F6. The test campaign described by Heo does not include thrust measurements.
Kwak only reports the thrust force for tests KWAK-R1, KWAK-F2, and KWAK-F3.

Table 4.3: Overview of test conditions of 90% hydrogen peroxide film-cooled thrusters of Kwak [62] and Heo [52, 55].

Test ID 𝜔 MR 𝑝፨, MPa 𝑚̇፨፱, g/s 𝑚̇፟፮, g/s 𝑚̇፜፟, g/s Test conditions
KWAK-R1 0.00 7.15 1.82 247.5 34.6 0.0 1 sec burn, no film coolant
KWAK-R2 0.00 7.12 1.83 246.4 34.6 0.0 2 sec burn, no film coolant
KWAK-R3 0.00 7.11 1.80 246.1 34.6 0.0 2 sec burn, no film coolant
KWAK-F1 0.20 9.52 2.11 246.0 33.0 68.2 3 sec burn
KWAK-F2 0.18 9.17 2.06 243.6 33.4 62.7 3 sec burn
KWAK-F3 0.16 8.83 2.04 241.4 33.3 52.8 3 sec burn
KWAK-F4 0.18 9.23 2.10 245.6 33.3 61.9 3 sec burn, diff. injector
KWAK-F5 0.20 9.51 2.08 245.0 33.2 70.6 3 sec burn, diff. injector
KWAK-F6 0.21 9.49 2.06 243.3 33.3 72.6 3 sec burn, diff. injector
KWAK-F7 0.17 9.15 2.02 241.6 32.6 56.7 30 sec burn
KWAK-F8 0.21 9.50 2.09 243.4 33.3 73.0 30 sec burn
HEO-R1 0.00 7.27 1.84 749.2 103.1 0.0 5 sec burn, no film coolant
HEO-F1 0.12 7.24 1.70 624.1 99.5 96.2 10 sec burn
HEO-F2 0.15 7.01 1.65 587.4 101.8 126.0 9 sec burn
HEO-F3 0.20 7.26 1.61 564.8 100.0 161.6 11 sec burn
HEO-F4 0.23 7.35 1.59(1) 553.4 101.2 190.4 15 sec burn
(1) Chamber pressure estimated based on mass flow rate, characteristic velocity, and throat diameter.
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4.2.2. Description of Experimental Data
Typical test results that are obtained during the film-cooled hot-fire test of the thrusters are reprinted in
Figure 4.4. These plots show the measured wall temperatures as a function of time, for the tests HEO-
F1 and HEO-F3. In Figure 4.4 on the left, a clear steady-state condition with wall temperatures<200 ∘C
can be observed at thermocouple locations T1-T4. Temperature readouts in the convergent section
of the nozzle (T5 and T6) and at the nozzle throat (T7 and T8) reveal that no steady-state is reached.
Since the throat temperatures approach the melting temperature of the thrust chamber wall, the test is
terminated ten seconds into the burn. This corresponds to a time of 15.6 seconds in Figure 4.4).

Figure 4.4: Wall temperature measurements in the film-cooled thruster of Heo (reprinted from ref. [52]).

When the film flow rate is increased from 96.2 g/s to 161.6 g/s, the liquid dry-out point moves down-
stream, towards the throat. This is visible in Figure 4.4 on the right, where almost all thermocouple
readouts record temperatures below 200 ∘C. Surprisingly, the throat temperature readout at the lower
side of the chamber (T8) is still in transient, whereas the throat readout at the upper side of the cham-
ber (T7) has reached a steady-state. Small differences (∼100 ∘C) at the nozzle throat are also clearly
visible in Figure 4.4 on the left.

Since the liquid film essentially acts as a heat sink between the hot gas and the wall, it is reasonable
to assume that the wall temperature at locations where the liquid film exists is close to identical to the
temperature of the liquid film [85]. For reference, the saturation temperature of 90% hydrogen peroxide
at the chamber pressure observed in HEO-F1 is 210 ∘C (see also Figure 2.4), which is very close to the
observed wall temperature at T1-T4. Based on this assumption, one can expect the liquid dry-out zone
to be located between T4 and T5 in Figure 4.4 on the left and between T6 and T7/T8 in Figure 4.4 on
the right.

The trends observed for the other experiments of Heo and Kwak compare well to those shown in
Figure 4.4: all data sets show a clear transition point in the wall temperature measurements. This
point is related to the transition of liquid film cooling to gaseous film cooling and was also clearly visible
in Figure 2.18. In all measurements of Heo and Kwak, this transition point is typically located in the
convergent section of the nozzle or the vicinity of the nozzle throat. These data sets are not reprinted
in this work, but are available in the original pieces of literature [52, 62].

4.2.3. Comparison Experiments to Model
In section 2.5, an analytical 1-D film cooling model was introduced, based on the work of Stechman et
al. and NASA SP-8124. To validate the applicability of this model to a small bipropellant thruster film-
cooled with 90% hydrogen peroxide, the simulated wall temperatures are compared to the experimental
data introduced in the previous subsection. In this investigation, only the results of Heo are used
for validation of the wall temperatures, since this thruster is most comparable to the Mk-II engine.
The combined data set with measurements of Heo and Kwak is used for validation of the film cooling
performance model that was introduced in subsection 2.2.4.
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Calibration of the Liquid Film Effectiveness and Validation of the Wall Temperatures
The first test considered for validation of the inner wall temperatures is HEO-F1, with operating con-
ditions as specified in Table 4.3. In TDCAS, the problem is solved without cooling channels, but with
a radiative coupling from the outside chamber wall to the environment. This radiative coupling follows
from Equation 2.67, with an ambient temperature of 294 K, emissivity of 0.8 or 0.6, and a unity view
factor. Furthermore, for the wall thermal conductivity, the properties of steel are assumed. In addition,
a reference entrainment factor of 0.425 is used in the gaseous film cooling model, together with a unity
local entrainment factor and decomposition rate constant of 3000 sዅ1.

One of the most important scaling parameters in the liquid film cooling model is the film effectiveness.
In Figure 2.19, this empirical parameter was plotted as a function of the film coolant Reynolds number,
based on the work of Stechman et al. For test HEO-F1, where the film flow is characterized by a
Reynolds number of 996, this approach provides a liquid film effectiveness of 0.79. In other words,
the real cooling potential represents only 79% of the theoretical potential. Simulations in TDCAS of
tests HEO-F1, HEO-F2, and HEO-F3 reveal that this particular effectiveness results in the absence
of a dry-out point, or a dry-out point located far downstream of the nozzle throat. When considering
test data presented in Figures 4.5, 4.6, and 4.8, these simulations are clearly not realistic. In all these
illustrations, the dry-out point is located in the convergent section of the nozzle, or near the nozzle
throat. It is suspected that the liquid vaporization rate is strongly augmented by the decomposition of the
hydrogen peroxide film, an argument which was already brought up in subsection 2.5.1. Consequently,
a lower liquid film effectiveness is expected. For the considered hot-fire tests, a liquid film effectiveness
of 0.46 seems more realistic. All simulation data plotted in Figures 4.5, 4.6, and 4.8 is based on the
film effectiveness of 0.46. This particular value is also in better agreement with simulations of Heo1,
shown in Figure 4.5 on the right.

At all times, the reader must bear in mind that the liquid film effectiveness is an empirical constant that
is based on both simulation and measurement data. As a result, the exact magnitude of this parameter
depends on the simulation setup. For all simulations with TDCAS performed in this work, an effective-
ness of 0.46 is used, which is in better agreement with test data than the empirical parameter reported
by Stechman et al. Different results may be obtained when using an alternate simulation framework.
More hot-fire tests, ideally at a chamber pressure closer to that of the Mk-II thruster, are required to
better understand the impact of the chamber operating conditions on the liquid film effectiveness. In
the absence of this data, the effectiveness is treated as a constant in this work. The impact of this
assumption is studied in a sensitivity analysis presented in subsection 5.3.3.
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Figure 4.5: Comparison of film cooling measurements with simulation Heo and TDCAS for test HEO-F1 (data from ref. [52]).

1This simulation is based on the droplet evaporation research of Allison [88] and film cooling model of Grisson [103] and resolves
the conservation of mass, energy, and species in the vaporization, monopropellant, and bipropellant flame layer. Hydrogen
peroxide decomposition is modeled using the Arrhenius equation, where the pre-exponential constant is treated as an empirical
constant to obtain an agreeable result with experiments. The Arrhenius equation, noted as ፤ ዆ ፀ exp(ዅፄᑒ/ፑፓ), where ፤ is
the reaction rate constant, ፀ the pre-exponential factor, ፄᑒ the activation energy, ፑ the gas constant, and ፓ the temperature is
frequently used in (chemical) reaction mechanics to model the reaction and evolution of species.
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The simulated temperatures, illustrated in Figure 4.5 on the left, are compared to the inner wall tem-
perature at the end of the burn. Since the thermocouple is placed inside the wall of the thrust chamber
and not exactly at the inner wall, an inverse heat transfer problem is solved to estimate the temperature
at the inner wall. The solution of this inverse problem, as proposed by Heo, is indicated in Figure 4.5
with the dashed line. The triangle markers indicate the thermocouple locations (T1-T8 in Figure 4.4).
It is important to note that this inverse problem does not provide the steady-state wall temperature, but
rather the transient temperature evaluated at the inner wall location.

A first glance at Figure 4.5 reveals a trend in the wall temperature that is very similar to experiments and
simulations in MMH film-cooled thrusters, which were introduced in Figure 2.18 earlier in this report.
A clear transition between the liquid and gaseous film cooling regime is observed, with a dry-out point
located at an axial position of 100-120 mm. The measured wall temperature upstream of the dry-out
point behaves almost constant, which is also observed in the simulations in TDCAS. Simulations in
TDCAS are also compared to an analytical simulation of Heo, which is depicted in Figure 4.5 on the
right. The first part of this curve, 0-58 mm, corresponds to the heating of the liquid from the injection
temperature to the saturation temperature. The second part, 58-150 mm, corresponds to the vapor-
ization of the film layer. The slope of the residual liquid film coolant differs slightly between the model
of Heo and TDCAS. Nevertheless, the estimated liquid dry-out zone shows an excellent agreement
between the two analytical models.

Unfortunately, only limited conclusions can be drawn concerning the validity of the simulations down-
stream of the dry-out zone. The steady-state temperatures that are predicted using the NASA SP-8124
model are much higher than the transient temperature measurements of Heo. Data in Figure 4.4 indi-
cates that the throat temperature is still increasing with approximately 46 K/s whereas the temperature
just upstream of the throat (T6) is increasing at a rate of 40 K/s. Therefore, it is reasonable to expect
the steady-state temperature at these axial locations to be much higher than transient values reported
in Figure 4.5. This trend is also observed in the simulation data of TDCAS.
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Figure 4.6: Comparison of film cooling measurements with simulation Heo and TDCAS for test HEO-F2 (data from ref. [52]).

In test HEO-F2, transient measurements were only recorded at the nozzle throat, as depicted in Fig-
ure 4.6 on the left. All other measurement locations reveal a steady-state temperature. At the end of
the burn, the temperature at the upper side of the nozzle (T7) is increasing by 50 K/s, whereas the
temperature at the lower side of the nozzle (T8) increases by approximately 29 K/s. The predicted
steady-state wall temperature at the upper side of the nozzle throat is roughly 200 K higher than the
transient measurements. On the contrary, the wall temperature at the lower side of the throat exceeds
the predicted steady-state temperature. It is expected that this is caused by peripheral variations in
the liquid film dry-out point. The film cooling theory used in TDCAS is based on the fundamental as-
sumption that there exists a fixed dry-out point located at a certain distance downstream of the injector.
The test data reveals that the transition from liquid to gaseous film cooling is better treated as a dry-out
zone, as illustrated in Figure 4.7. Axial variation in the liquid dry-out point are also visible in film cooling
simulations in ref. [104]. It is unclear if such variations in the liquid film dry-out zone are also observed
in the MMH film-cooled thrusters of Preclik et al. [44], which were introduced in section 2.5.
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Figure 4.7: Schematic representation of liquid film distribution over perimeter of wall.

Several parameters could impact the large peripheral changes in liquid dry-out location, such as:

• Tolerances in the film cooling injector. Simulations in TDCAS are based on the assumption
that the discharge behavior of each film cooling injector orifice is constant. In reality, due to
manufacturing tolerances, small variations may exist. This can locally increase or decrease the
film flow rate, thereby resulting in an uneven distribution of the film layer over the wall of the thrust
chamber.

• 2-D heat transfer effects. Simulations in TDCAS are based on the fact that each kerosene or
hydrogen peroxide injector orifice/element has identical discharge characteristics and that the
gas composition only varies in the axial direction. In reality, radial and peripheral changes in the
hot gas composition and temperature may be present. These could be introduced by the injection
pattern, as shown in ref. [105], and result in an uneven film heating.

• Imperfections in the thrust chamber. Local imperfections in the interior surface of the thrust
chamber could potentially cause the liquid film to break up faster. These imperfections can be
interpreted as physical damages (scratches), but also peripheral variations in the surface rough-
ness.

• Gravity. The experiments of both Heo and Kwak are conducted with a horizontally placed thrust
chamber. Therefore, gravity could potentially impact the distribution film layer.

The first two hypotheses are expected to be the most probable causes for the uneven film distribution.
The impact of these peripheral variations in liquid dry-out points seems to become more relevant when
the dry-out point approaches the nozzle throat, as depicted in Figure 4.8. This plot shows the data of
test HEO-F3 compared to the modeling approach of Heo and TDCAS. Interestingly, both simulations
predict that the liquid film extends beyond the throat, which can be concluded from the nonzero residual
liquid film coolant at the throat. This is in line with temperature readouts at the upper side of the nozzle
throat (T7). Nevertheless, a considerably higher temperature is measured at the lower side of the
nozzle throat (T8), which has not reached a steady-state at the end of the burn. Since this temperature
is far above the saturation temperature of hydrogen peroxide, it is reasonable to assume that the film
at the lower side of the nozzle throat is in the gaseous phase.

It is important to note that the hot-fire tests of Heo only represent a small dataset in which the different
film cooling operating points are only investigated once. Hence, it is hard to assess if the test results
are repeatable. The predicted wall temperature with the liquid film cooling model provides an overall
good agreement with observations during hot-fire tests. Even though the predicted steady-state tem-
peratures in the gaseous film cooling regime cannot be validated with the (transient) experimental data
set, the trends observed tend to agree well. Not only with the hydrogen peroxide film cooling experi-
ments of Heo, but also with the MMH film cooling experiments of Preclik et al., introduced in section 2.5.
Based on the simulation set-up in TDCAS, a liquid film effectiveness of 0.46 provides a fair agreement
with measurements of Heo at the upper side of the chamber. At the lower side of the chamber, the
dry-out point tends to be located slightly more upstream. This location can, however, not be estimated,
since only one temperature readout is available at the lower side of the chamber (at the throat). In this
investigation, the constant of 0.46 is used throughout the remainder of this report. The uncertainty of
this parameter on the design of the Mk-II thruster is evaluated in a sensitivity analysis, discussed in
subsection 5.3.3.
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Figure 4.8: Comparison of film cooling measurements with simulation Heo and TDCAS for test HEO-F3 (data from ref. [52]).

Several uncertainties are still present, such as the impact of the chamber pressure on the liquid film
effectiveness. This is especially relevant since the Mk-II thruster operates at much higher pressures
than the research thruster of Heo. At these higher pressures, the hydrogen peroxide saturation tem-
perature is also higher, whereas the enthalpy change of vaporization is lower. Moreover, the hot gas
heat transfer coefficient is higher, whereas the chamber surface area that has to be covered with the
film coolant is smaller2. In addition, the rate at which the hydrogen peroxide film coolant decomposes
may also be impacted by the pressure. To quantitatively assess the impact of chamber pressure, more
hot-fire tests are required. These tests will be performed as a part of the FLPP project, around the
fall/winter of 2021.

Validation of the Film Cooling Performance Model
In section 2.5, it was mentioned that the characteristic velocity efficiency typically reduces under the
presence of a film coolant. Besides, it was assumed that the impact of the film coolant on the thrust
coefficient is very small. Kwak performed three tests in which the thrust is recorded:

• KWAK-R1, with no film cooling, where a thrust force of 522.1 N is recorded. This corresponds to
a thrust coefficient of 1.29 and an efficiency (𝜂ፅ) of 0.934, based on ideal sea level values at the
operating pressure and mixture ratio.

• KWAK-F2, with 18% film cooling, where a thrust force of 595.2 N is recorded. This corresponds
to a thrust coefficient of 1.30 and an efficiency (𝜂ፅ) of 0.920, based on ideal sea level values at
the operating pressure and mixture ratio.

• KWAK-F3, with 16% film cooling, where a thrust force of 591.6 N is recorded. This corresponds
to a thrust coefficient of 1.31 and an efficiency (𝜂ፅ) of 0.926, based on ideal sea level values at
the operating pressure and mixture ratio.

From these measurements, one can observe that the impact of the film cooling on the thrust coefficient
is indeed small. It is, however, recommended to conduct more tests over a wider range of film cooling
flow rates, to get a better insight into the potential reduction of the thrust coefficient as a consequence of
film cooling. In retrospect, a large data set is available from measurements of Heo and Kwak regarding
the characteristic velocity losses. This data set is listed in Table 4.4 and compared to the film cooling
performance model that was introduced in subsection 2.2.4.

2Recall that, at a constant characteristic length, a higher chamber pressure results in a smaller chamber volume required.
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Table 4.4: Comparison of predicted characteristic velocity to measurements in hydrogen peroxide film-cooled thrusters (mea-
surements from refs. [55, 62]).

measurements model equations 2.20-2.21
Test ID 𝜔 MR 𝑐∗, m/s 𝜂፜ 𝑀𝑅፠ 𝑐∗፜፟, m/s 𝑐∗፠, m/s 𝑐∗, m/s deviation
KWAK-R1 0.00 7.15 1437.6 0.900 7.15 935.2 1597.3 1439.1 +0.10%
KWAK-R2 0.00 7.12 1450.4 0.908 7.12 935.2 1597.1 1438.9 -0.79%
KWAK-R3 0.00 7.11 1428.9 0.895 7.11 935.2 1597.1 1438.9 +0.70%
KWAK-F1 0.20 9.52 1350.7 0.872 7.45 935.2 1598.2 1340.7 -0.74%
KWAK-F2 0.18 9.17 1349.1 0.864 7.29 935.2 1598.0 1346.6 -0.18%
KWAK-F3 0.16 8.83 1382.3 0.879 7.25 935.2 1597.8 1358.2 -1.74%
KWAK-F4 0.18 9.23 1367.5 0.877 7.38 935.2 1598.2 1348.2 -1.42%
KWAK-F5 0.20 9.51 1325.3 0.855 7.38 935.2 1598.2 1337.7 +0.93%
KWAK-F6 0.21 9.49 1310.4 0.845 7.31 935.2 1598.0 1334.8 +1.86%
KWAK-F7 0.17 9.15 1359.4 0.870 7.41 935.2 1598.2 1353.4 -0.44%
KWAK-F8 0.21 9.50 1330.2 0.858 7.31 935.2 1598.0 1334.4 +0.32%
HEO-R1 0.00 7.27 1450.7 0.908 7.27 935.2 1597.9 1450.7 +0.00%
HEO-F1 0.12 7.24 1389.3 0.870 6.27 935.2 1584.1 1379.1 -0.74%
HEO-F2 0.15 7.01 1358.4 0.851 5.77 935.2 1570.9 1350.3 -0.60%
HEO-F3 0.20 7.26 1309.9 0.820 5.65 935.2 1567.2 1327.4 +1.34%
HEO-F4 0.23 7.35 1267.3 0.793 5.47 935.2 1561.4 1308.8 +3.27%
In the model, a value for ᎔ᑔ of 0.901 taken for data of Kwak (average of KWAK-R1, KWAK-R2, and KWAK-R3).
For the data of Heo et al., a value of 0.908 is used for ᎔ᑔ (corresponding to HEO-R1). All values of ᎔ᑔ are based
on predictions in NASA CEA assuming shifting equilibrium flow conditions.

In Table 4.4, 𝜔 indicates the film fraction, 𝑀𝑅 the total mixture ratio, 𝑀𝑅፠ the core mixture ratio, 𝑐∗ the
total characteristic velocity, 𝑐∗፠ the core characteristic velocity, and 𝑐፟፠ the film coolant characteristic
velocity. The results of this validation activity demonstrate a generally good agreement between the
proposed film cooling efficiency model and experimental data. At film fractions (𝜔) less than 0.20, the
model tends to underpredict the delivered performance. This could be caused by the mixing of the
oxygen-rich gaseous film layer with the core flow.

For film flow rates greater than or equal to 0.20, the model tends to overpredict the delivered perfor-
mance. In practice, these film flow fractions correspond to hot-fire tests with a film dry-out in the vicinity
of the nozzle throat. This suggests that higher losses in characteristic velocity can be expected when
the liquid dry-out zone is located at, or downstream of, the throat. A potential cause for this is provided
by Preclik et al. [44], who mention that a dry-out point downstream of the throat could result in non-
vaporized film coolant droplets in the divergent section of the nozzle. The non-vaporized droplets have
a much lower temperature and therefore provide a lower contribution to the characteristic velocity than
droplets that are fully vaporized.
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4.3. Regenerative Cooling Experiments of the Mk-II Thruster
The second validation activity considered consists of a comparison of simulation results in TDCAS
with hot-fire tests of the current configuration of the Mk-II engine. This comparison is used to get an
insight into the accuracy of prediction for the regenerative cooling analysis in TDCAS. The outline of
this section is similar to that of the previous section and consists of an explanation of the test setup
(subsection 4.3.1), an explanation of typical test results (subsection 4.3.2), and a discussion of the
results with comparison to the proposed model (subsection 4.3.3).

The design and test results of the Mk-II engine are the intellectual property of Dawn Aerospace. As a
result, the exact geometry and design specifications of the thruster cannot be shared. Therefore, all
test results that are included in this section are normalized. This way, the reader is still able to detect
important trends without disclosing the actual engine design and test data.

4.3.1. Experimental Setup
All hot-fire tests of the Mk-II bipropellant engine are conducted at the test facility of Dawn Aerospace
in Christchurch, New Zealand. The full test setup, consisting of the propellant tanks, feed system, and
thrust frame are mounted on a car trailer. The thrust chamber assembly, consisting of the catalytic
reactor, injector, and thrust chamber, is attached to the thrust frame under an angle of 45°, as shown in
Figure 4.9. This angle is selected so that the propellants would naturally drain out in case the hydrogen
peroxide or kerosene are leaking into the chamber. For the FLPP hot-fire tests that will be conducted
in fall/winter 2021, a horizontal mounting with integrated load cells is used. This way, the thrust force
can be measured, something which is not done in the current test campaign of the Mk-II thruster. The
catalytic reactor is placed upstream of the injector and has the purpose of decomposing the hydrogen
peroxide in oxygen and steam. These hot decomposition products have a temperature of approximately
1019 K and are injected into the thrust chamber, where they react with the kerosene.

Figure 4.9: Static test bench of Dawn Aerospace with instrumented thrust chamber assembly.

In all hot-fire tests that are considered in this thesis, the Mk-II thruster is operated in a pressure-fed
configuration, as depicted in Figure 4.10 on the left. Pressurization is achieved with industrial-grade
nitrogen that is fed directly from the gas cylinders. The high pressure (>10 MPa) feed system for the
kerosene and hydrogen peroxide is physically separated, to avoid a potential contact of the propellants
upstream of the thrust chamber. A third nitrogen cylinder, operated at low pressure, is used to purge
the feed system and thrust chamber post-fire. It is important to mention that Figure 4.10 only gives
a high-level system architecture. Other fluidic components, such as check valves, burst disks, dump
valves, and bleed valves are not included in the illustration but are present in the real Mk-II feed system.
Besides, all pipe branches that can result in enclosed volumes, for instance between two pneumatic
actuated valves, are equipped with manual fill/drain valves. This is an important safety feature, which
is not indicated in the high-level architecture.
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In the hot-fire tests of the Mk-II thruster, the pressures, temperatures, and mass flow rates are mea-
sured. This is done with pressure transducers, K-type thermocouples, and turbine flow meters. The
pressure transducers and turbine flow meters are sampled at a frequency of 6.25 kHz using a National
Instruments CompactRIO. All thermocouples are sampled at a frequency of 100 Hz. The thermocou-
ples and pressure transducers are placed at the inlet and outlet manifold of the cooling jacket. Other
locations where pressure is recorded include the propellant tanks, the catalytic reactor, the injector
manifold, and the combustion chamber.

Figure 4.10: High-level pressure-fed and pump-fed feed system architecture of the Mk-II engine that are used in thesis validation
experiments (left) in future ESA FLPP experiments (right).

A detailed overview of all recent bipropellant hot-fire tests of the Mk-II thruster is shown in Table 4.5.
This table lists the test ID, the film flow fraction (𝜔), the target mixture ratio (𝑀𝑅), the normalized
target chamber pressure (𝑝፨), and the test conditions. In all experiments, except MKII-19, regenerative
cooling is realized with 88% hydrogen peroxide. This concentration is assessed before the tests and
based on a density-based approach. More information about this technique is provided in section 4.4.
Tests MKII-20, MKII-21, MKII-24, MKII-26, MKII-27, MKII-29, and MKII-30 are not included in Table 4.5,
because these experiments feature operation of the thruster in monopropellant mode. This implies that
the kerosene is not injected into the thrust chamber, or failed to ignite. As a result, the temperature of the
gas in the combustion chamber is much lower (∼1019 K versus ∼2700 K). Moreover, a failure occurred
in the catalytic reactor during test MKII-33, resulting in the injection of pieces of the catalyst into the
thrust chamber. Due to the anomalous trends in the recorded pressure and mass flow rate, this data
is discarded for the validation of TDCAS. Test MKII-28 is also discarded, because of the poor quality
of the recorded mass flow rate data. The reader must bear in mind that Table 4.3 indicates the target
operating conditions. Actual measurements may deviate from the target values, as a consequence of
the pressure-fed setup (where the mass flow rates and tank pressures are non-constant).
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Table 4.5: Overview of recent Mk-II engine bipropellant tests conducted with 88% hydrogen peroxide and kerosene.

Test ID 𝜔 MR 𝑝፨, Pa/Pa Test conditions
MKII-19 0.00 7.90 0.93 2 sec burn, cooling with water
MKII-22 0.00 4.40 0.91 2 sec burn
MKII-23 0.00 4.40 0.91 2 sec burn
MKII-25 0.00 5.20 0.97 2 sec burn
MKII-28 0.00 5.20 0.97 2 sec burn, poor quality data
MKII-31 0.00 5.20 0.97 2 sec burn
MKII-32 0.00 5.20 0.97 4 sec burn
MKII-33 0.00 5.40 0.94 7 sec burn, failure in catalytic reactor
MKII-34 0.00 6.00 1.00 4 sec burn
All values in this table indicate the target operating conditions.

4.3.2. Description of Experimental Data
The experimental results that are obtained during a typical hot-fire test of the Mk-II thruster are depicted
in Figure 4.11. The plot on the left-hand side shows both the (normalized) coolant temperature rise and
mixture ratio as a function of time. The temperature rise is based on the difference between the fluid
temperature logged in the coolant inlet manifold and outlet manifold. The mixture ratio is obtained from
the fuel and oxidizer mass flow rate, which are recorded with the turbine flow meters. Since the mixture
ratio is nonexistent in the monopropellant mode or during the shutdown, the data is trimmed for the
bipropellant combustion mode. This trimming is based on the opening and closing sequence of the
main kerosene valve, which marks the start and end of the bipropellant combustion mode.
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Figure 4.11: Normalized experimental data for Mk-II engine test 31.

In both plots that are shown in Figure 4.11, the reader can clearly distinguish the typical operating
envelope of the Mk-II thruster. Before each test, the catalytic reactor is thermally cycled. During this
cycling process, the reactor is repeatedly loaded with small amounts of hydrogen peroxide which, upon
decomposition, increases the temperature of the catalyst3. This is done to get a clean and responsive
startup of the engine. Hereafter, between one and three seconds, the engine is operated in monopro-
pellant mode. During this phase, the main kerosene valve remains closed, which explains the constant
fuel tank pressure in this phase. Once stable operation in the monopropellant mode is achieved, the
kerosene fuel valve is opened. This initiates the bipropellant mode (upon ignition of the kerosene).
The transition from monopropellant to bipropellant mode is characterized by a steep increase in the
chamber pressure and coolant outlet temperature. In all tests considered in this thesis, the bipropellant
mode lasts approximately two to seven seconds.
3Alternatively, one may use a heater. Heaters are often used in catalytic reactors when the catalyst has a poor performance, or
when the hydrogen peroxide is very cold. In the Mk-II thruster, the hydrogen peroxide quality is sufficient to drive the reaction
with the catalyst alone. Furthermore, the addition of a heater would increase the complexity and part-count of the assembly.
Therefore, thermal cycling is used.
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One may observe that the chamber pressure drops slightly during the burn. This is a direct conse-
quence of the reduction in storage tank pressure. Since flow rates are a function of the storage tank
pressure in a pressure-fed system, both the kerosene and hydrogen peroxide flow rates decrease
during the burn. Therefore, the Mk-II thruster never runs in a “perfect” steady-state condition. Never-
theless, one can conclude from Figure 4.11 on the left that the impact of this phenomena on coolant
temperature is small at short burn times. For the qualification of the current Mk-II configuration, long
duration tests (in the order of minutes) are planned for the summer of 2021. In these tests, a propellant
pump will be used, as depicted in Figure 4.10 on the right.

Test results for all other bipropellant tests of the Mk-II are depicted in Figure 4.13. The time axis used
in these plots is set to zero at the start of the bipropellant mode and is therefore different from the
(arbitrary) time axis that is used in Figure 4.11. Notice that this illustration is based on the integrated
heat that is transferred to the coolant (𝑄), which follows from Equation 4.1.

𝑄 = 𝑚̇∫
ፓᑠᑦᑥ

ፓᑚᑟ
𝑐፩ 𝑑𝑇 ≈ 𝑚̇𝑐̄፩(𝑇፨፮፭ − 𝑇።፧) (4.1)

In this expression, 𝑚̇ denotes the measured hydrogen peroxide mass flow rate, and (𝑇፨፮፭ − 𝑇።፧) the
measured hydrogen peroxide temperature increment over the cooling passages. For simplicity, the
heat capacity (𝑐̄፩) is based on the average coolant temperature, between the inlet and outlet manifold.
In Figure 4.13, the reader can observe a reasonably constant mixture ratio and decreasing chamber
pressure for all conducted tests. Most heat load curves in Figure 4.13 on the top show a constant
or decreasing trend. This follows directly from the decrease in chamber pressure (recall that the hot
gas heat load is proportional to 𝑝ኺ.ዂ፨ , where 𝑝፨ indicates the chamber pressure). For test MKII-34, a
moderate increase in the heat load can be observed. It is expected that this is caused by the increase
in mixture ratio, from 7 at the start of the burn to 7.6 at the end of the burn. This increase in mixture
ratio is accompanied by an increase in gas temperature.

A picture of the exhaust plume during one of the hot-fire tests of the Mk-II is presented in Figure 4.12.
Visual inspection reveals that the flame is more translucent and much less bright compared to the film-
cooled thruster of Heo, shown in Figure 4.3. Moreover, one can also clearly see the presence of shock
diamonds in the exhaust plume. The presence of these shock diamonds confirms that the flow, which
is leaving the nozzle, is indeed supersonic.

Figure 4.12: Hot-fire test of the Mk-II thruster at the test facility in New Zealand.
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Figure 4.13: Integrated coolant heat load, chamber pressure, and mixture ratio for Mk-II bipropellant engine tests.
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As a final step in the discussion of the test data, the characteristic velocity efficiency is determined. The
experimental characteristic velocity is obtained using Equation 2.10, which was discussed earlier in this
report. Chamber pressure and mass flow rate are measured, whereas the geometrical throat area is
known from the design and assumed to be constant. Using this approach, the characteristic velocity
at several time steps (0.5 seconds) of the conducted tests is depicted in Figure 4.14. Also indicated in
this figure is the theoretical characteristic velocity, which is obtained from an analysis in CEA assuming
shifting equilibrium flow. The results indicate that the measured characteristic velocity is slightly less
than the ideal value. On average, a characteristic velocity efficiency of 99% is found to best fit the data.
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Figure 4.14: Theoretical and experimental characteristic velocity efficiency of the Mk-II thruster.

Since thrust is not measured in the current test configuration of the Mk-II, it is not possible to assess
the quality factor for the thrust coefficient. If the thrust force was measured, the thrust coefficient could
be obtained conform Equation 2.18. In the present work, a constant value of 96% is assumed, which is
the average of typical values reported by Huzel and Huang [7] for liquid rocket engines. Consequently,
the total specific impulse efficiency of the thruster, which is the product of the characteristic velocity and
thrust coefficient quality factors, is taken as 99% × 96% = 95%. This value will be used throughout the
remainder of this report.

4.3.3. Comparison Experiments to Model
Before analyzing the data for the Mk-II during hot-fire tests, measurements obtained during hydraulic
characterization tests are considered. In these experiments, water is discharged through the regenera-
tive cooling channels, whilst sampling the cooling jacket inlet pressure, outlet pressure, and mass flow
rate. The hydraulic characterization tests can be used to estimate the equivalent sand grain roughness
of the cooling passages, which is used to determine the frictional losses (Equation 2.37). Since there
is no chemical reaction ongoing in the combustion chamber, it is reasonable to assume that the tem-
perature rise of the water is negligible. Although friction losses in the cooling channel could also be
estimated from hot-fire test data, this is much less straightforward since the coolant temperature, and
therefore also transport properties, show a decent level of variation in these tests.

The experimental results of two hydraulic characterization tests in the Mk-II engine are presented in
Figure 4.15. Also included in this illustration is the simulated pressure drop for different values for the
equivalent sand grain roughness. These results are obtained from a batch analysis in TDCAS, where
the coolant mass flow rate is incremented in steps of 0.1 kg/s and roughness in steps of 2 µm. Onemay
observe that a good agreement exists for an equivalent sand grain roughness of 6 µm. It is interesting
to note that this is in line with typical roughness values in machined cooling channels documented in
ref. [36]. When comparing these new results with typical values in additively manufactured channels
(Table 2.2), one can observe an almost 18 times lower surface roughness.
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Figure 4.15: Measured pressure drop in coolant passages during water flow tests of the Mk-II, compared to simulations.

After calibration of the equivalent sand grain roughness based on hydraulic characterization tests with
water, the pressure drop model can be validated against hot-fire tests of the Mk-II thruster. Data points
taken from hot-fire tests are indicated in Figure 4.15 with the diamond markers. In these tests, the
reference fluid is (heated) 88% hydrogen peroxide. The volumetric flow rate is obtained by dividing the
measured mass flow rate by the density of 88% hydrogen peroxide at the average coolant temperature.
Bear in mind that the density of hydrogen peroxide is roughly 1.4 times higher than that of water, which
explains the lower volumetric flow rates. Overall, these measurements agree well with the data from
the hydraulic characterization tests and only show minor deviations. There are several factors that
could contribute to these deviations, such as:

• Uncertainty in the fluid properties of 88% hydrogen peroxide. Recall that the pressure drop is
impacted by the density and viscosity of the fluid. Both these parameters are function of temper-
ature and pressure. Provided the absence of this data in the open literature, only a temperature-
dependency is considered for density and viscosity in this work. This may introduce errors, es-
pecially when the fluid is operated at high pressures (∼8-10 MPa).

• Thermal expansion of the liner during the burn. During hot-fire tests, the copper alloy liner is
operated far above room temperature. As a result, the liner expands. This could alter the cross-
section area of the cooling channels. In TDCAS, variations in the cooling passage cross-section
area during hot-fire tests are not taken into account.

• Partial decomposition of the hydrogen peroxide in the cooling channels. The gas that is
evolved during this process may slightly increase the local coolant pressure. As a result, the
overall pressure drop is less than the predictions of TDCAS. This may explain the data points be-
low the 6µm curve in Figure 4.15. A more elaborate discussion concerning partial decomposition
in the cooling channels is provided later in this section.

In addition to the aforementioned parameters, uncertainties in the test measurements could also have
contributed to the small deviations in Figure 4.15. Nonetheless, these are expected to be consistent
for all data points, since the same measurement equipment is used.

Validation of the Coolant Heat Transfer
Based on the roughness of 6 µm, simulations of the Mk-II engine in TDCAS are carried out. In these
simulations, the temperature-dependent thermal conductivity of the copper alloy liner is used. The
reader may assume that the liner has thermal properties that are comparable to NARloy-Z, a copper
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alloy that was used in the Space Shuttle Main Engine [34]. As mentioned in the introduction of this
report, the cooling channels in the Mk-II thruster are plated with a proprietary metal alloy. This is done
to avoid direct contact of the copper alloy with the hydrogen peroxide. Compared to the thickness of the
thrust chamber wall (>1 mm), the thickness of the plating is very small (≪10 microns). Consequently,
for ease of simulation, the impact of this plating is neglected in the simulations.

All simulations in TDCAS are set up with a mesh refinement depth of 1 and an axial spacing of 2 mm.
The following empirical correlations for the hot gas and coolant boundary conditions are investigated:

• B-MN: Bartz correlation for hot gas convection (Equation 2.28) with modified Nunner correlation
for coolant convection (Equation 2.35).

• B-MN-R: Bartz correlation for hot gas convection, with modified Nunner correlation for coolant
convection and hot gas radiation model of Kirchberger (Equations 2.33 and 2.32).

• B-DS-R: Bartz correlation for hot gas convection, with Dipprey-Sabersky correlation for coolant
convection (Equation 2.38) and hot gas radiation model of Kirchberger.

• C-MN: Cinjarew correlation for hot gas convection (Equation 2.30), with modified Nunner corre-
lation for coolant convection.

• C-MN-R: Cinjarew correlation for hot gas convection, with modified Nunner correlation for coolant
convection and hot gas radiation model of Kirchberger.

• C-DS-R:Cinjarew correlation for hot gas convection, with Dipprey-Sabersky correlation for coolant
convection and hot gas radiation model of Kirchberger.

In all simulations, the measured chamber pressure, oxidizer mass flow rate, fuel mass flow rate, coolant
inlet pressure, and coolant inlet temperature are inserted in TDCAS. These operating conditions are
partially taken from the disclosed test data in Figure 4.13 in steps of 0.5 seconds, starting at a time of
1.0 second. This starting time is based on the observed transients in the integrated heat to the coolant
at the start of the bipropellant mode. The simulation of the thruster at different time steps ensures
that the decrease of coolant mass flow rate and the chamber pressure are captured in the validation.
Alternatively, one could rely on a full transient heat transfer solver. This is, however, not (yet) possible
with TDCAS.

Table 4.6: Comparison of the experimental coolant integrated heat load to predictions TDCAS.

Test ID t, sec 𝑝፨, - MR, - B-MN B-MN-R B-DS-R C-MN C-MN-R C-MN-R
MKII-19 1.00 0.87 4.57 +1.0% +4.4% +6.3% -23.0% -19.6% -18.0%

1.50 0.85 4.56 +1.3% +4.8% +6.7% -21.2% -17.8% -16.1%
MKII-22 1.00 0.80 3.64 -2.4% -0.2% +1.4% -7.0% -5.3% -3.1%

1.50 0.77 3.79 -3.4% -0.9% +0.6% -13.3% -11.2% -9.3%
MKII-23 1.00 0.85 4.12 -2.7% +0.1% +1.8% -18.1% -15.5% -13.8%

1.50 0.85 4.22 +0.8% +3.8% +5.5% -16.6% -13.7% -12.1%
MKII-31 1.00 0.85 4.80 +0.4% +4.2% +5.6% -18.9% -15.2% -13.9%

1.50 0.82 4.90 +1.8% +5.8% +7.3% -16.8% -12.9% -11.5%
2.00 0.82 4.91 +3.8% +8.0% +9.4% -15.6% -11.6% -10.2%

MKII-32 1.00 0.91 5.73 -0.3% +4.4% +5.9% -19.5% -14.9% -13.5%
1.50 0.89 5.81 -0.7% +4.1% +5.5% -19.6% -14.9% -13.5%
2.00 0.88 5.89 -1.0% +3.9% +5.4% -19.9% -15.1% -13.8%
2.50 0.87 5.83 -0.9% +3.9% +5.3% -20.6% -15.9% -14.6%
3.00 0.86 5.78 -3.8% +0.9% +2.3% -22.7% -18.1% -16.9%
3.50 0.85 5.77 -6.1% -1.5% -0.2% -24.6% -20.1% -18.9%

MKII-34 1.00 0.97 6.97 -16.3% -11.6% -10.4% -33.0% -28.4% -27.2%
1.50 0.95 7.15 -19.1% -14.5% -13.3% -35.2% -30.7% -29.6%
2.00 0.93 7.28 -21.0% -16.4% -15.3% -37.2% -32.7% -31.6%
2.50 0.92 7.76 -25.3% -20.8% -19.7% -39.5% -35.2% -34.2%
3.00 0.89 7.62 -24.0% -19.4% -18.4% -39.5% -35.0% -34.0%
3.50 0.88 7.65 -25.1% -20.5% -19.5% -39.9% -35.4% -34.5%
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One of the outputs of TDCAS, the integrated coolant heat load (Equation 4.1), is compared to measure-
ments in Table 4.6. A “+” sign in this table represents an overprediction of the heat transfer, whereas
a “-” sign corresponds to an underprediction of the heat transfer. In Table 4.6, 𝑡 indicates the time
stamp at which the measurement is taken (based on data in Figure 4.13), 𝑝፨ the normalized chamber
pressure, and 𝑀𝑅 the mixture ratio at this timestamp. The results that are listed in this table reveal
an almost consistent underprediction of the heat load when using the correlation of Cinjarew. This
underprediction originates from the lower heat transfer coefficient predicted using this empirical con-
vection model, which was also observed in verification activities described in section 3.2. Based on
the experimental data at hand, it can be concluded that the hot gas convection model of Cinjarew is
unsuitable for this application. The hot gas convection correlation of Bartz is in much better agreement
with experimental data. For both convection models, the addition of radiative heat transfer provides a
small increase in the heat transfer, as expected.

Predictions of the temperature rise using the Dipprey-Sabersky correlation and modified Nunner corre-
lations are close, with differences less than 2 percentage point. This is an interesting observation, since
earlier verification activities revealed a higher discrepancy between the two models in AM channels.
The fact that differences are much smaller in the Mk-II can be traced to the fact that the surface rough-
ness is considerably lower than the experiments in AM channels. As a result, the impact of surface
roughness on heat transfer is much smaller.

Figure 4.16: Carbon layer thermal resistance in hydrocarbon thrusters operated with film cooling, compared to the carbon atom
fraction in the combustion gas of 88% hydrogen peroxide and kerosene at a mixture ratio of 4, 6 and 6 (adapted from ref. [6]).

.

It is worth noting that there are still several uncertainties in the simulation, which could explain the
deviations of the model from measurements. The first potential uncertainty is the presence of carbon
deposits on the chamber wall, which were observed in post-test inspections of the Mk-II thruster. The
carbon layer isolates the hot gas from the wall and essentially acts as a natural thermal barrier coating.
Modeling this phenomenon is complex due to its highly unsteady nature [65]. Research of Cook [6] has
revealed that the thermal resistance of the carbon layer correlates well with the carbon atom fraction
in the combustion gas, as well as the hot gas mass flux. Trends observed by Cook for common hy-
drocarbon propellant combinations are reprinted in Figure 4.16. This figure is extended with indicative
values for the carbon fraction in the combustion products of 88% hydrogen peroxide and kerosene,
based on an analysis in CEA. The three values for hydrogen peroxide and kerosene indicate an in-
creasing trend in the carbon fraction with decreasing mixture ratio. Although the exact carbon layer
resistance for the combustion of hydrogen peroxide with kerosene is unknown, one can observe a
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lower carbon fraction compared to mixtures of oxygen and kerosene, oxygen and propane, or oxygen
and methane. Based on this observation, it is reasonable to expect that this carbon layer has impacted
the heat transfer in the thrust chamber at least to some extent. This could explain the overprediction of
the Bartz equation with the Dipprey-Sabersky coolant model observed in tests MKII-19 and MKII-23 to
MKII-32 in Table 4.6. Interestingly, test MKII-22 seems an outlier to this overpredictive trend. This test
is characterized by the lowest mixture ratio (<4), thereby corresponding to very fuel-rich combustion.
Although the exact reason for this discrepancy is not clear, it could be caused by errors in predictions
of the hot gas properties in the CEA module which is integrated into TDCAS. An increasing deviation
of CEA from experiments at low mixture ratios is also reported by Kirchberger [65] in the application
of small hydrocarbon thrust chambers. According to Kirchberger, these deviations could be caused by
the presence of soot, which is characterized by slow reaction kinetics. This deviation is irrelevant for
the proposed AM thrust chamber, as this engine is designed to operate at much higher mixture ratios.

A second uncertainty in the simulation lies in the modeling of the heat transfer close to the propellant
injector. The semi-empirical heat transfer correlations of Bartz and Cinjarew are derived for gas flow
in the convergent-divergent nozzle and based on the assumption that the flow is fully developed and
turbulent. In the cylindrical section of the thrust chamber, close to the injector, the hot gas flow is
typically not fully developed [103]. Several studies [7, 65, 106] have indicated that heat transfer in this
region is dominated by injector (spray) effects. During hot-fire tests of the Mk-II, the coolant temperature
is only measured at the inlet and outlet of the cooling jacket. As a result, only the integrated heat load
can be obtained, rather than the local heat load which is required to assess heat transfer close to
the injector. Consequently, no quantitative conclusions can be drawn concerning the impact of the
propellant injector on heat transfer in the combustion chamber.

A third uncertainty lies in the modeling of the coolant heat transfer in TDCAS. In the present work,
the coolant flow is modeled based on the simplifying assumption that fluid properties only vary in the
streamwise direction. This major simplification may not be able to capture thermal stratification in the
channels, as well as turbulent mixing of the coolant [107], which could locally augment or alleviate the
heat transfer.

The final uncertainty lies in the potential (partial) decomposition of the hydrogen peroxide in the cooling
passages, which releases additional heat to the coolant flow. As a result, the measured outlet tem-
perature is higher than the predicted results without considering decomposition. This could potentially
explain the large deviation that is observed for test MKII-34 in Table 4.6. The hypothesis of hydrogen
peroxide decomposition is shared by Kuntz et al. [26], who states that: “the use of 98% HኼOኼ as a
regenerative coolant can be expected to result in its partial decomposition”. Although no claim is made
about 90% hydrogen peroxide, similar results are expected.

The presence of partial coolant decomposition is also mentioned in the hydrogen peroxide heat transfer
studies of Rousar & Van Huff [71] in electrically heated tubes. In at least thirteen samples, they observe
an excess of sensible energy at the outlet of the tubes, ranging from 1.5% to 24%. Since heating of
the coolant is carefully controlled and monitored, an additional heat source must be present in the
system to explain this deviation. Under the assumption that the decomposition of hydrogen peroxide
releases 97.9 kJ/mol, Rousar & Van Huff estimate that 0.1% to 0.6% of the hydrogen peroxide bulk
flow must have decomposed to explain the excess of sensible energy. They also perform concentration
measurements before and after the heating experiments, which reveal concentration reductions up to
0.89 percentage point (by weight).

Rousar & Van Huff present experimental data that relates the excess in sensible energy to the heat
flux for short duration and extended duration experiments. These tests were also briefly mentioned
in subsection 2.4.4 when the coolant operating limits were defined. In the present investigation, the
reported energy balance is plotted against the heat-flux-to-velocity ratio, which was introduced in sub-
section 2.4.4. This plot, shown in Figure 4.17, reveals a decreasing trend in the energy balance with an
increasing heat-flux-to-velocity ratio. In other words, the excess sensible energy at the channel outlet
increases with increasing heat-flux-to-velocity ratio. Also included in this figure are the short duration
(1.29𝑣) and long duration (0.86𝑣) heat transfer limits that were established in subsection 2.4.4. If one
assumes that all excess energy is introduced by partial decomposition of the hydrogen peroxide, one
may conclude that decomposition effects are primarily relevant when approaching the short duration
heat transfer limit.
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Figure 4.17: Correlation between energy balance and hot gas heat flux to coolant velocity ratio in heat transfer experiments with
98% hydrogen peroxide in Inconel 718 and AISI 347 tubes (measurements from ref. [71]).

To test the hypothesis of partial hydrogen peroxide decomposition in the cooling channels during test
MKII-34, the average and peak heat-flux-to-velocity ratio are calculated, as shown in Table 4.7. The
peak value is obtained at the nozzle throat, where the heat load is highest. In this table, one can
observe that the calculated heat-flux-to-velocity ratio is highest in test MKII-34 and exceeds the rec-
ommended short duration limit. What is more, the maximum coolant temperature recorded during this
test was much larger than the hydrogen peroxide service limit (408 K) that was established in subsec-
tion 2.4.4. In all other tests, the hydrogen peroxide bulk fluid temperature did not exceed the maximum
service temperature. Despite the heat-flux-to-velocity ratio being highest in test MKII-34, differences
with respect to other experiments with hydrogen peroxide as coolant are small.

Table 4.7: Calculated ratio of hot gas heat flux to coolant bulk velocity in Mk-II engine test cooled with 88% hydrogen peroxide.

Test ID Mean Peak Peak coolant
𝑞/𝑣, MPa 𝑞/𝑣, MPa temperature

MKII-22 0.78 1.05 <408K
MKII-23 0.81 1.08 <408K
MKII-28 0.89 1.18 <408K
MKII-31 0.91 1.21 <408K
MKII-32 0.96 1.26 <408K
MKII-34 1.02 1.32 >408K
All simulations are based on the run case B-MN-R.

Since the hydrogen peroxide is directly injected into the catalytic reactor after leaving the cooling chan-
nels, no post-cooling concentration measurements could be taken. If these measurements were avail-
able, the potential decomposition of hydrogen peroxide in the cooling channels could be proven. An
alternative method would be to conduct two hot-fire tests at an identical chamber pressure and mixture
ratio. If these tests are conducted with both a stable (water) and a less stable (hydrogen peroxide)
coolant, the potential impact of decomposition in the cooling passages can be estimated. These mea-
surements were, however, not available to the author. Moreover, test MKII-34 represents only one
experiment near the optimal mixture ratio. To confirm if the underpredictive trend is repeatable, more
hot-fire tests are required at this mixture ratio. In Appendix A, a brief description is provided on how
modeling uncertainties that were outlined in this section can be solved in future tests of the Mk-II engine
as a part of the ESA FLPP project.
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4.4. Inconel 718 Immersion Screening Test
An important trade criterion that was used in the literature study [4] for selecting Inconel 718 as thrust
chambermaterial, was the expected chemical compatibility with hydrogen peroxide. In one-hour screen-
ing tests at 405 K, Kuntz et al. [26], measure a concentration change from 96.7% to 85% when Inconel
718 test articles are immersed in the hydrogen peroxide. Only signs of light bronzing were observed on
the Inconel 718 test articles. It is important to note that this experiment is conducted withmirror-polished
Inconel 718. Therefore, the surface roughness is considerably lower than AM Inconel 718.

It is generally accepted that the rate at which hydrogen peroxide decomposes is greatly impacted by
the surface conditions [28]. As a result, AM Inconel 718 parts could augment the hydrogen peroxide
decomposition rate. This could in term result in a reconsideration of Inconel 718 as chamber material
for the AM Mk-II thruster. Since no data could be found in the open literature concerning the chem-
ical compatibility of AM Inconel 718 (or any AM alloy in general) with hydrogen peroxide, immersion
screening tests were conducted. In subsection 4.4.1, the sample preparation and test setup are briefly
discussed. Hereafter, the test results are presented in subsection 4.4.2.

4.4.1. Sample Preparation and Test Description
For the immersion screening tests, as-built AM Inconel 718 test articles are used. This implies that no
post-built surface finish improvements or heat treatments are applied. The test coupons are immersed
in 40 mL of hydrogen peroxide with a concentration of approximately 90% by weight. The AM Inconel
718 test articles are rectangular and have a size of 20×10×3.4 mm. This volume and sample size
corresponds to a surface-to-volume ratio of 0.15 cmዅ1 (0.38 inዅ1). This particular value is chosen
to have a surface-to-volume ratio similar to experiments of Kuntz [27] whilst keeping the size of the
test articles and hydrogen peroxide volume small (for economic and safety reasons). Figure 4.18
shows a typical test piece that is used in the immersion screening tests. As expected, the sample is
characterized by a surface of high roughness, which is a consequence of the AM production process.

Figure 4.18: Typical AM Inconel 718 test article which is used in the immersion screening tests.

A technical grade hydrogen peroxide is obtained from a trusted industry partner at a concentration of
70% by weight. This solution already contains stabilizers that aid in improving the long-term storability.
The 70% concentration is distilled in-house to approximately 90% by weight, which is used during the
hot-fire tests of the Mk-II thruster and for the immersion screening tests. The exact concentration is
measured before each screening test. For assay of the concentration, two techniques are used:

• Density approach. In this technique, exactly 100 mL of hydrogen peroxide is put in a volumetric
flask and weighted down. The volumetric flask is calibrated for a volume of 100±0.1 mL at room
temperature. One can determine this volume based on the meniscus of the fluid and a line that
is placed on the neck of the flask. Based on the mass and volume of the fluid, the density can
be calculated. The density is compared to values reported by Schumb et al. [54] for different
concentrations and ambient temperatures. To reduce the experimental error, three independent
measurements are taken.
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• Titration approach. In this technique, a 1 mL hydrogen peroxide sample is taken from the solu-
tion. This sample is titrated with potassium permanganate (KMnOኾ) until a pale pink color persists
for fifteen seconds, as illustrated in Figure 4.19-C. The redox titration procedures are explained
in detail in MIL-PRF-16005F [108] and not repeated here. To reduce the experimental error, the
redox titration is repeated three times with three unique samples from the solution.

The primary advantage of the density-based approach is that it is fast in execution and requires minimal
laboratory equipment. Nevertheless, large quantities of hydrogen peroxide are required. This makes
the technique ideal for bulk concentration measurements. The titration approach is ideal when only
small amounts of hydrogen peroxide are available, for instance, during the immersion screening tests.

Before each immersion screening test, the AM Inconel 718 articles are carefully cleaned and passi-
vated. The procedure that is used for passivation is based on positive experience at Dawn Aerospace
and recommendations of the hydrogen peroxide vendor. First, all test articles are cleaned in an ultra-
sonic cleaner at a temperature of 323 K. Hereafter, the test articles are rinsed with reagent water and
immersed in a 30% nitric acid (HNOኽ) solution. After two hours, the test articles are removed from
this solution. After rinsing again with reagent water, the test articles are pat dried with a heat gun and
stored in a vacuum-sealed plastic bag.

Figure 4.19: Laboratory setup used for immersion screening tests. A) Laboratory heater with boiling flask and thermometer. B)
Boiling flasks with passivated and unpassivated test article immersed in hydrogen peroxide, as well as control group. C) Titration
of a hydrogen peroxide sample with potassium permangenate.

In all experiments, Pyrex laboratory glassware is used, which includes a 100±0.1 mL volumetric flask,
a 100±1 mL measuring cylinder, a 50±0.1 mL burette, 250 mL Erlenmeyer flasks, 100 mL boiling
flasks, and 100 mL beakers. To avoid potential contamination, all laboratory glassware is thoroughly
rinsed with reagent water. Besides, all glassware in contact with hydrogen peroxide is passivated,
based on the procedures described in MIL-PRF-16005F. Other relevant equipment that is used dur-
ing the immersion screening tests includes two laboratory heaters (Figure 4.19-A), a 200±0.01 gram
pocket balance, and a thermometer. All experiments are conducted by experienced test personnel in
the propellant processing facility of Dawn Aerospace in New Zealand. This facility is equipped with
basic laboratory equipment, as well as a safety shower and eyewash station. For safe handling of the
hydrogen peroxide, all test personnel is equipped with a face shield, apron, boots, and gloves.

During an immersion screening test, an Inconel 718 test article and 40 mL hydrogen peroxide solution
are put in a 100 mL boiling flask, as depicted in Figure 4.19-B. The boiling flask is stored at a well-
ventilated, dust-free place. In each immersion screening test, one control group is used. This control
group comprises 40 mL hydrogen peroxide in a boiling flask, without immersion of an Inconel 718 test
article. Within the scope of this thesis, the following experiments are conducted:

• Ambient temperature, seven days. During these tests, both passivated (IST-7 to IST-9 and
unpassivated (IST-10 to IST-12) Inconel 718 test articles are immersed. Additionally, one con-
trol group is used (CON-4 to CON-6). This data corresponds to one test campaign with three
experiments. All three experiments feature three titration measurements.

• Temperature of 343 K, seven hours. During these tests, passivated (IST-4, IST-5, IST-6) In-
conel 718 test articles are submerged in the hydrogen peroxide solution. Additionally, one control
group is used (CON-1, CON-2, CON-3). Both experiments are placed in a laboratory heater (Fig-
ure 4.19-A) which is set to 343 K.



4.4. Inconel 718 Immersion Screening Test 81

After the specified immersion time, a visual inspection was performed using a microscope. Hereafter,
the concentration was again assessed based on titration. One may observe that the 343 K immersion
temperature is much lower than the maximum hydrogen peroxide service temperature of 408 K, es-
tablished in subsection 2.4.4. The 343 K limit is internally decided based on safety concerns. Recall
that all screening tests are conducted in a laboratory environment where the test operator works close
to the heated hydrogen peroxide. This is vastly different from the hot-fire tests, which are conducted
outside with all personnel at a much further distance.

4.4.2. Test Results and Discussion
Before starting the immersion screening tests, the concentration of the bulk hydrogen peroxide was
determined. Four titration experiments were conducted following the procedures in MIL-PRF-16005F.
The result shows a bulk concentration of 91.8±1.1%, 92.7±1.1%, 92.4±1.1%, and 92.4±1.1%. The
titrations demonstrate good repeatability, with deviations that are within the measurement error. The
average concentration of four measurements yields 92.3±1.1%. The titration results were validated
against concentration measurements based on the density method. Using three independent measure-
ments, a bulk concentration of 91.0±0.3% was obtained with the density approach. The two different
concentration assessment techniques provide a seemingly close result, yet small differences exist. It is
expected that the results from the density approach are most realistic. The primary argument for this is
that a visual judgment of test personnel is required to determine the endpoint of the titration (pale pink
color for fifteen seconds). This qualitative judgment could vary between different test personnel and
can have a relevant impact on the assessed concentration. All titrations during the immersion screen-
ing tests are performed by the same test operator. Hence, it is assumed that this qualitative judgment
is, at least, consistent. A better approach that eliminates this uncertainty would be to determine the
endpoint quantitatively, for instance, with a potentiometer. This is a recommended upgrade for future
experiments, but not considered in this work.

During the seven-day immersion screening tests, both passivated and unpassivated AM Inconel 718
were immersed in the hydrogen peroxide solution. Upon immersion of the unpassivated test pieces,
small bubbles immediately appeared near the surface of the test article, as illustrated in Figure 4.20
on the right. This bubble formation did not occur at the start of the test with the passivated specimens,
as shown in Figure 4.20. Nevertheless, after seven days, the bubbles were observed on the rough
surface of both the passivated and unpassivated test articles. This indicates that there are probably
some chemical reactions ongoing near the surface, albeit very small. No visual signs of excessive
decomposition were observed during the screening tests.

Figure 4.20: Immersion screening test of AM Inconel 718 in concentrated hydrogen peroxide at ambient temperature and pres-
sure, showing significant bubble formation at the surface of the unpassivated specimen.

Quantitative results of the immersion screening tests at ambient temperature are listed in Table 4.8.
For the passivated specimens, the average concentration post-immersion is found to be 90.6±1.1%,
whereas the unpassivated specimens show an average concentration of 89.9±1.1%. The measured
average concentration of the control group is slightly higher, namely 91.6±1.1%. In comparison, the
average concentration pre-immersion was 92.3±1.1%. One can observe that slightly higher concen-
tration losses occurred upon immersion of the passivated test article. This is an interesting observation
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since the bubble formation on the surface occurred more rapidly with the unpassivated specimens.
It must be mentioned that almost all concentration changes that are listed in Table 4.8 fall within the
measurement error.

Table 4.8: Results of the immersion screening tests at ambient temperature for 7 days.

Test ID Test article Passivated Final con- Delta con-
centration centration

IST-7 INC-6 Yes 92.1% -0.2
IST-8 INC-6 Yes 90.0% -2.3
IST-9 INC-6 Yes 90.9% -1.4
IST-13 INC-11 No 91.8% -0.5
IST-14 INC-11 No 91.7% -0.6
IST-15 INC-11 No 92.3% +0.0
CON-4 – – 92.4% +0.1
CON-5 – – 92.7% +0.4
CON-6 – – 92.9% +0.6

To investigate the impact of temperature on the rate of decomposition, seven-hour immersion screening
tests at a temperature of 343 K were conducted with passivated Inconel 718 test articles. During the
immersion screening tests, severe bubbling and boiling-like phenomena were observed, as depicted
in Figure 4.21. This bubbling was also observed in the control group. Therefore, it is reasonable to
expect that this is caused by the high temperature of the hydrogen peroxide solution. Nevertheless, no
rapid (catalytic) decomposition of the hydrogen peroxide occurred. Similar to the ambient temperature
tests, the bubbles formed close to the immersed test article. In the control group, the bubbles appeared
evenly throughout the solution. Since the temperature is well below the boiling point of the hydrogen
peroxide, it is expected that these bubbles are caused by the release of gaseous oxygen from the
hydrogen peroxide.

Figure 4.21: Immersion screening test with AM Inconel 718 at 343 K, showing boiling-like phenomena.

Quantitative results of this test, listed in Table 4.9, are in line with the visual observations and highlight
a significant reduction in the hydrogen peroxide concentration. On average, the concentration loss for
the experiments with submerged Inconel 718 test article is 18.6±1.1 percentage point, whereas the
control group shows a concentration loss of 16.6±1.1 percentage point. In both samples, some bubble
formation was also observed on the surface of the immersed thermometer, which could also have
contributed to the high concentration loss. The fact that both measurements are very close suggests
that the majority of the decomposition is caused by the temperature, rather than the presence of the AM
Inconel 718 test article. In the control group, a hydrogen peroxide mass loss of 6.63 g was observed
after seven hours. On the other hand, in the sample with AM Inconel 718 immersed, a hydrogen
peroxide mass loss of 7.07 g was observed after seven hours. The mass loss can be explained by
gaseous oxygen which is released from the hydrogen peroxide when the fluid (partially) decomposes.



4.4. Inconel 718 Immersion Screening Test 83

Table 4.9: Results of the immersion screening tests at 343 K for 7 hours.

Test ID Test article Passivated Final con- Delta con-
centration centration

IST-4 INC-9 Yes 74.4% -17.9
IST-5 INC-9 Yes 73.2% -19.1
IST-6 INC-9 Yes 73.5% -18.8
CON-1 — — 76.2% -16.2
CON-2 — — 75.2% -17.1
CON-3 — — 75.8% -16.5

After the concentration measurements, the impact of the hydrogen peroxide on the AM Inconel 718 was
visually studied using a microscope with a magnification of roughly 100. After both test campaigns, no
visible change had occurred to any of the passivated samples, as depicted in Figure 4.22. This ob-
servation is in line with the work of Constantine and Cain [28], who report no effect on the material
after exposing non-AM Inconel X-718 to 90% hydrogen peroxide at 339 K for one day. Interestingly,
Constantine and Cain observe severe bronzing on the non-AM test articles, after a seven-day expo-
sure at the aforementioned temperature. Whether or not this is also the case for the AM test articles
cannot be concluded from the test data at hand. It is, however, expected that the fluid temperature and
exposure time have a relevant impact on the potential bronzing of the Inconel 718. More tests at higher
temperatures are required to gain a better understanding of the potential bronzing of the test articles.

Figure 4.22: Microscope image of a passivated test article before and after immersion in hydrogen peroxide at ambient conditions
and at 343 K.

To conclude, the immersion screening tests that are conducted in this study do not reveal any signs of
major chemical incompatibility of AM Inconel 718 in hydrogen peroxide solutions with a concentration
of ∼90%. In a seven-day immersion at ambient temperature, no noticeable concentration occurred. In
a seven-hour immersion at 343 K, a concentration loss of 18.6±1.1 percentage point was observed for
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the experiment with submerged Inconel 718 and a concentration loss of 16.6±1.1% in a control group.
This suggests that the decomposition is primarily driven by the temperature, and not by the presence of
the test article. The observations in this thesis with AM Inconel 718 are in line with the work of Schumb
et al. [32], who state that “nickel and Inconel have very slight catalytic effect on hydrogen peroxide of
all concentrations”. Nonetheless, this observation was, to the authors’ best knowledge, not yet made
before in the literature for additively manufactured Inconel 718.

The results of the immersion screening test partially validate the selection of Inconel 718 as a material
for AM thrust chamber for the ESA FLPP project. Full validation of the chemical compatibility is achieved
through actual hot-fire tests, where the hydrogen peroxide is exposed to even higher temperatures and
heat loads. These experiments are conducted as a part of the ESA FLPP project in fall/winter 2021.

4.5. Chapter Summary
This chapter describes all validation activities that are carried out throughout this thesis. In section 4.1,
the empirical coolant heat transfer correlations were validated based on heat transfer experiments in
small AM Inconel 718 channels. Of all proposed convection models, the modified Nunner and Dipprey-
Sabersky correlation demonstrated the most promising correlation with test data, though large devia-
tions are still present. More research, preferably with hydrogen peroxide, is required to fully characterize
heat transfer in AM cooling passages with high surface roughness.

In section 4.2, the proposed film cooling model is compared to experimental results which are obtained
in hydrogen peroxide film-cooled thrusters. The results reveal that the real liquid film cooling potential
is much lower than the theoretical potential. The test results also indicate large peripheral variations in
the dry-out point, which are expected to be caused by an uneven distribution of the film over the wall or
circumferential variations in the core heat transfer. More research is required to quantitatively assess
these effects. A comparison of the film cooling performance model demonstrates a good correlation
between measured and predicted characteristic velocity.

The regenerative cooling simulations in TDCAS are validated against measurements in the bimetal-
lic Mk-II thruster (section 4.3). The predicted pressure drop over the cooling passages is in good
agreement with measurements during hydraulic characterization tests and hot-fire tests with hydrogen
peroxide as coolant. Comparative heat transfer simulations show that the Bartz convection model is
most suitable to predict the convective heating from the hot gas. For the coolant, both the modified
Nunner correlation and Dipprey-Sabersky correlation yield similar results, with deviations less than 2
percentage point. To fully validate heat transfer effects in TDCAS, more experiments are required in
which the local heat transfer effects are measured, for example near the injector.

The final validation activity involves immersion screening tests of AM Inconel 718 test articles, which
are used to demonstrate the chemical compatibility (section 4.4). Results of a seven-hour test at 343
K and a seven-day test at ambient temperature show no signs of bronzing on the Inconel test articles.
Besides, the impact of the Inconel 718 test articles on the hydrogen peroxide concentration appears
small.
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Model Results and Discussion

In this chapter, TDCAS is used to propose a preliminary design solution for the AM Inconel 718 thrust
chamber. This preliminary design serves as themain input for the detailed design phase during the ESA
FLPP project. First, the possible operating regime of the thruster is investigated in section 5.1, based
on the customer requirements mentioned in the introduction of this report. Hereafter, in section 5.2, the
design of a bimetallic thrust chamber, based on non-additive manufacturing techniques is discussed.
This “reference” bimetallic design serves as a baseline for comparison to the proposed AM Inconel
718 solution. This is necessary for answering the primary research question: “Is it advantageous to
realize the thrust chamber of a small, hydrogen peroxide cooled, rocket engine as an integral addi-
tively manufactured structure, instead of a bimetallic structure created with traditional manufacturing
methods?”.

In its design, the reference bimetallic chamber is very similar to the real Mk-II thruster. Yet, several
differences exist in the exact geometry of the chamber and operating conditions. This way, we can
compare a Mk-II-like design to an AM chamber design, without disclosing the intellectual property of
Dawn Aerospace. The selected bimetallic reference design is based on a NARloy-Z liner with Inconel
718 structural closeout. This material combination is selected for its excellent design heritage, for
example in the Space Shuttle Main Engine [34]. Furthermore, NARloy-Z has thermal properties that
are similar to the copper alloy that is used in the Mk-II thruster. The material properties that are used
for NARloy-Z are taken from ref. [99].

The reference bimetallic design is followed by a description of the proposed AM Inconel 718 solution, in
section 5.3. This section also includes a sensitivity study that investigates the impact of uncertainties on
the design. The suggested AM chamber is compared to the reference bimetallic chamber in section 5.4.
This comparison includes the impact on the pressure budget, dry mass, and estimated performance.
Moreover, compliance with customer requirements is addressed in this section. Lastly, in section 5.5,
the sub-questions that were posed in the introduction of this report are answered.

5.1. Design Study Guidelines
All designs that are considered in this thesis are based on a chamber diameter of 8 cm, a characteristic
length of 0.6 m, a nozzle exit pressure of 65 kPa, and an 80% (Rao) bell nozzle. These particular values
can be seen as constant input parameters and can loosely be traced1 to the current Mk-II engine design.
This way, the injector of the Mk-II engine can directly be integrated onto the proposed AM chamber,
without introducing expensive redesigns. Furthermore, the propellant combination considered in this
design study is 90% hydrogen peroxide with kerosene (RP-1). This follows directly from customer
requirements REQ-005 and REQ-006. In all applications, hydrogen peroxide is used as a film and/or
regenerative coolant. All simulations that are carried out in this section are based on the modified
Nunner coolant convection model and Bartz correlation for the hot gas heat transfer.
1This implies that the values are not identical to the current Mk-II engine, but compare well. This is done to protect the intellectual
property of Dawn Aerospace.
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The following methodology is adopted for all chamber designs that are discussed in this chapter:

1. Select a nominal chamber pressure, mixture ratio, and coolant inlet temperature for the design.

2. Select the number of cooling channels, the wall thickness, the channel width, and the channel
height at the nozzle throat. For this endeavor, a 2-D heat transfer analysis is conducted at the
throat plane. The temperature results are compared to the maximum service temperature of the
chamber wall, which is discussed in subsection 5.1.2.

3. Define the coolant geometry in the axial direction, by iterating against the hydrogen peroxide
burnout heat flux and maximum service temperature of the wall. For simplicity, only the channel
width is allowed to change in the axial direction, whereas channel height, wall thickness, and
channel count are held constant.

4. Verify the acquired solution against the maximum pressure drop over the cooling channels (sub-
section 5.1.1), the maximum service temperature of the hydrogen peroxide (subsection 5.1.2),
and the manufacturing constraints (subsection 5.1.3).

It is noted that the above-mentioned steps represent an iterative loop. If no adequate design is obtained
in steps 2-4, the chamber pressure is adjusted. Altering the chamber pressure has a direct impact
on both the hot gas heat transfer and the dimensions of the thrust chamber (since the characteristic
length is held constant). If the obtained steady-state solution at the nominal design point complies with
all hydraulic, thermal, and manufacturing constraints, the solution at the off-design point is verified.
The off-design point, explained in subsection 5.1.4, represents the worst-case operating point of the
chamber. When the solution complies with all customer requirements and design constraints, at both
the nominal and off-design load point, the iteration is terminated.

The fact that a manual design routine is used implies that the obtained solution does not necessarily
represent an optimal solution. Nonetheless, optimization of the thrust chamber or coolant geometry is
not strictly required by the customer2. An optimization activity that could be considered in the future,
is minimizing the pressure drop over the cooling passages. When the pressure drop over the cooling
jacket is lowered, the pressure increase provided by the upstream hydrogen peroxide pump may also
be reduced. The pressure increase delivered by the pump is proportional to the power needed by
the electrical motor which drives the pump. Since this motor is powered by batteries, a reduction
in pressure drop may result in fewer batteries required on-board the spaceplane, which reduces the
vehicle dry mass. Such optimization could be implemented in TDCAS, but could also be considered
as a separate study in commercial computational fluid dynamics software packages, like Ansys.

5.1.1. Hydraulic Constraints
Based on the customer requirements, listed in Table 1.3, the reader may observe that a wide range
of chamber pressures is allowed. Likewise, the requirements only specify a minimum thrust level at
sea level or in a vacuum. The maximum thrust, and thus mass flow rate, is not constrained in the set
customer requirements. As a result, the feasible design space is very large. Based on the set customer
requirements, one could propose an engine design that is considerably larger than the current Mk-II
engine, provided that the dry mass does not exceed 12 kg (REQ-008). Internal discussions with the
customer have revealed that the main goal of the ESA FLPP project is to demonstrate AM with an
engine similar to the Mk-II thruster, rather than developing a propulsion system that is vastly different in
size but would still meet the imposed requirements. Therefore, an upper limit on either thrust or mass
flow rate should have been set in customer requirements, to avoid the presence of this unnecessarily
large design space. At all times, the reader must be aware that the requirements in Table 1.3 were
given to the author, and not set by the author. Modification of some of the requirements, which is
currently already proposed to the customer, is only possible after confirmation of the customer.

Besides diverging from the primary goal of the ESA FLPP project, upscaling the engine in terms of thrust
output may also require a redesign of fluidic components upstream of the thrust chamber. Examples
include the injector, catalyst, feed system, and pump. All these upstream components are designed

2To quote Akin’s 13th law of spacecraft design mentioned in ref. [109]: “Design is based on requirements. There’s no justification
for designing something on bit ‘better’ than the requirements dictate.”
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for an oxidizer flow rate of 1 kg/s and fuel flow rate of 0.125 kg/s, which follows loosely3 from the
current design of the Mk-II thruster. The upper limit on the chamber pressure follows from the maximum
pressure difference that the propellant pump can deliver. Dawn Aerospace has readily developed a
state-of-the-art hydrogen peroxide pump, which is designed to discharge the oxidizer at 1 kg/s with
a pump outlet pressure of 9.3 MPa. A higher pump outlet pressure is not possible, since this would
exceed the maximum allowable operating pressure of the assembly. To this extent, it can be concluded
that the upper pressure limit of 12 MPa, defined in customer requirement REQ-007, cannot be reached
without introducing an expensive redesign of the hydrogen peroxide pump. For all calculations in this
thesis, the oxidizer flow rate (1 kg/s) and outlet pressure of the pump (9.3 MPa) are assumed to be
constant over time.

Based on the available pressure of 9.3 MPa (𝑝፩፮፦፩), a pressure budget can be constructed, which is
used to investigate the maximum possible chamber pressure. Based on the high-level pump-fed feed
system architecture, illustrated in Figure 4.10 on the right, the pressure balance shown in Equation 5.1
can be derived.

𝑝፨ = 𝑝፩፮፦፩ − Δ𝑝፫፞፠ − Δ𝑝፜ፚ፭ − Δ𝑝።፧፣ − Δ𝑝፦።፧ (5.1)

In this balance, 𝑝፨ denotes the chamber pressure, Δ𝑝፫፞፠ the pressure drop over the cooling passages,
Δ𝑝፜ፚ፭ the pressure drop over the catalytic reactor, Δ𝑝።፧፣ the pressure drop over the injector, and Δ𝑝፦።፧
the (minor) pressure losses over valves and tubing in the feed system. It is worth mentioning that the
feed system pressure losses are proportional to the flow velocity squared. The designer can easily
control the flow velocity by increasing or decreasing the size of the tubing and valves. For the prelim-
inary design, Δ𝑝፦።፧ is assumed to be no more than 0.3 MPa. This value is found to be reasonable,
based on experience in the pressure-fed Mk-II thruster that was used in the validation activities.

For the catalytic reactor, a pressure drop of 1 MPa is assumed. Hot-fire tests of the Mk-II thruster have
demonstrated that this value is conservative yet realistic. It should be mentioned that the loss of 1 MPa
comprises pressure losses over the injector inside the catalytic reactor, as well as pressure losses over
the catalyst. For the main propellant injector, a pressure drop equal to 15% of the chamber pressure
is taken. Based on pump outlet pressure of 9.3 MPa and the losses in the feed system, catalytic
reactor, and propellant injector, Equation 5.1 can be rewritten to the form shown in Equation 5.2. In this
expression, both the chamber pressure (𝑝፨) and pressure drop over the cooling passages (Δ𝑝፫፞፠) are
in Pascal.

𝑝፨ =
8 ⋅ 10ዀ − Δ𝑝፫፞፠

1.15 (5.2)

Based on the customer requirements and chamber pressure scaling law defined in Equation 5.2, the
feasible design space can be plotted, as depicted in Figure 5.1. In the illustration, the theoretical sea
level and vacuum specific impulse are shown as a function of the mixture ratio and chamber pressure.
The values are based on an analysis in CEA and assume a 99% characteristic velocity efficiency and
96% thrust coefficient efficiency. The former quality factor follows directly from hot-fire tests of the Mk-II
thruster. Since the nozzle exit pressure is kept constant, each design curve corresponds to a different
nozzle pressure ratio, and thus also a different expansion ratio. In both plots, the expansion ratio is
indicated with “AR”. The hatched line labeled “minimum by requirement” represents the lower limit of
the feasible design space, which can be traced to customer requirements REQ-003 and REQ-004. The
dashed lines indicate the upper limit of the feasible design space and follow directly from Equation 5.2,
at a cooling jacket pressure drop of 1 MPa and 2 MPa. A pressure loss of this magnitude is deemed
realistic in light of the results obtained during the hydraulic characterization tests of the current iteration
of the Mk-II thruster (see also Figure 4.15). Furthermore, one can observe that the maximum theoretical
specific impulse is obtained at a mixture ratio of 8. Based on the driving specific impulse requirements,
this mixture ratio is used throughout the remainder of the design.

3Again, this implies that the values are not identical to the current design, but compare well. This is done to protect the intellectual
property of Dawn Aerospace.
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Figure 5.1: Predicted sea level and vacuum specific impulse at different chamber pressures (፩ᑠ) with operating boundaries at a
fixed nozzle exit pressure (፩ᑖ) and specific impulse quality factor (᎔ᑔᑀᑤᑡ ). Nozzle expansion ratios are noted with “AR”.

Besides specific impulse, the minimum thrust is also constrained by the customer, conform require-
ments REQ-001 and REQ-002. The feasible design space based on the theoretical thrust obtained at
sea level and in a vacuum is presented in Figure 5.2. The design window is based on a total mass flow
rate of 1.125 kg/s, nozzle exit pressure of 65 kPa, and thrust coefficient efficiency of 96%. The total
mass flow rate originates from the 1 kg/s hydrogen peroxide mass flow rate and 0.125 kg/s kerosene
mass flow rate. In the illustrations, one can also observe that the design space is large, compared
to narrow design windows that follow from the specific impulse requirements. As a result, it can be
concluded that the thrust force is not a driving requirement for the design of the AM Mk-II thruster.
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exit pressure (፩ᑖ), thrust coefficient quality factor (᎔ᑔᐽ ) and mass flow rate (፦̇).

5.1.2. Thermal Constraints
The preliminary design of the AM thrust chamber is based on a maximum service temperature of the
structure, as stated in section 3.4. In the bimetallic reference design, the limit temperature for the
NARloy-Z liner is set to 811 K. This value is based on the maximum inner wall temperature that is
proclaimed for the steady-state operation of the Space Shuttle Main Engine [73]. At this particular
temperature, over 500 thermal cycles of the engine are noted in ref. [34]. Both the pressure- and
temperature-induced loads are much smaller in Mk-II engine, compared to the Space Shuttle Main
Engine4. Hence, it is reasonable to assume that this temperature is also suitable for the preliminary
design of the Mk-II thruster, which has a maximum service life of only 100 thermal cycles (REQ-011).

4For reference, the typical flame temperature in Mk-II is ∼2700 K and ∼3600 K in the Space Shuttle Main Engine.
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The maximum service temperature of the AM Inconel 718 thrust chamber is set to 1005 K. This value
originates from research of Gradl et al. [15], who experimented with AM Inconel 625 in the application
of a thruster propelled by liquid oxygen and kerosene. The engine is operated at a maximum chamber
pressure of 8.6 MPa and regeneratively cooled with both kerosene and water. The designers demon-
strate a maximum Inconel 625 wall temperature of 1005 K, which follows from heat transfer simulations
where a scaled version of the Bartz equation is used for the prediction of the hot gas convection. This
scaling follows from measurements during hot-fire tests. The publication mentions 28 restarts in a
kerosene-cooled configuration and 19 restarts in a water-cooled configuration, with a total accumu-
lated burn time of 1815 seconds. No failure of the AM Inconel 625 is reported after this accumulated
burn time. Based on several similarities between Inconel 718 and Inconel 625, it is assumed that a
maximum temperature of 1005 K is reasonable for the preliminary design of the AM Inconel 718 thrust
chamber.

Lastly, for the hydrogen peroxide regenerative coolant, a maximum service temperature of 408 K is
taken, together with a maximum heat-flux-to-velocity ratio of 0.86 MPa. These values can be traced to
subsection 2.4.4.

5.1.3. Manufacturing Constraints
The last set of constraints considered for the preliminary design are based on the manufacturability
of the chamber. These include the minimum thickness of the thrust chamber wall, as well as the
minimum size of the cooling passages. The theoretical minimum wall thickness of chambers that are
produced using the laser powder bed fusion AM technique is related to the focus spot size of the laser.
For most commercial machines, this value is typically in the order of 0.1-0.15 mm [11]. In personal
communication with a leading industry partner in the field of laser powder bed fusion, it is described
that wall thicknesses up to 0.2 mm and channel diameters up to 0.5 mm have been realized in AM
Inconel 718 heat exchangers. An important point that was shared in this communication is that such
small dimensions are still highly experimental. As a result, the fabrication success rate depends heavily
on the geometry of the part, as well as on the process settings that are used in the powder bed fusion
machine. A more conservative value is mentioned in the research of Thomas [110], who recommends a
minimum wall thickness of 0.4±0.02 mm. The 0.4 mm thickness limit is in line with findings of Marchan
et al. [111], concerning AM Inconel 718 structures. On the other hand, Patel et al. [14] use a minimum
wall thickness of 0.6 mm and minimum channel width of 0.63 mm in an AM Inconel 718 thrust chamber.
These values are slightly more conservative than earlier mentioned numbers.

Based on the experience described in the literature, it is decided to limit the wall thickness to 0.5
mm for the first iteration of the AM thrust chamber. In a second iteration of the thruster, this value
could potentially be reduced, based on lessons learned in the AM fabrication process. This minimum
thickness is also selected for the ribs in-between the cooling channels. To facilitate ease of post-build
powder removal, which is a frequently observed problem in regeneratively cooled AM thrust chambers,
a minimum channel width/height of 0.8 mm is adopted. This value can be seen as conservative based
on findings in the literature.

5.1.4. Off-Design Operating Point
Hands-on experience of the author with experimental rocket engines has shown that it is incredibly
difficult to operate an engine exactly at one fixed operating point, in terms of chamber pressure, mixture
ratio, and coolant inlet conditions. Instabilities in the combustion, manufacturing tolerances for the
injector, and/or ambient temperature changes can easily result in small changes in the conditions of
the hot combustion gas or coolant flow. Therefore, instead of defining a definite operating point, an
operating envelope is selected for the preliminary design. This operating envelope is bounded by the
nominal and off-design operating point, a concept that was also introduced in ref. [112]. In the present
work, the following off-design limits are adopted, which are set based on internal agreement at Dawn
Aerospace:

• A 5% increase in chamber pressure,

• A propellant mixture ratio of 7.6,

• A coolant inlet temperature of 303 K.
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The mixture ratio of 7.6 corresponds to operating case where the theoretical (adiabatic) flame temper-
ature for the combustion of 90% hydrogen peroxide and kerosene is highest, as shown in Figure 5.3.
This plot is based on an analysis in CEA with shifting equilibrium flow conditions. The nominal mixture
ratio is set to 8, which corresponds to the maximum theoretical specific impulse, as demonstrated in
Figure 5.1. Lastly, the nominal coolant inlet temperature is set to 293 K.
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Figure 5.3: Predicted adiabatic flame temperature for the combustion of 90% hydrogen peroxide and kerosene, with nominal
and off-design operating points.

5.2. Bimetallic Reference Thrust Chamber
In this section, the bimetallic thrust chamber design is proposed, which serves as a reference for the
current design of the Mk-II. As explained in section 5.1, first the cooling channel geometry at the nozzle
throat is defined. For this design step, a parameter study is conducted, where chamber pressure,
wall thickness, and the number of cooling channels are varied. The channel height and width are kept
constant and set to 0.8×0.8mm, which follows from the manufacturing constraints. By selecting narrow
channels at the throat, the number of cooling channels can be maximized, which has a positive impact
on the wall temperature. For the bimetallic reference design, the chamber pressure is varied between
4 MPa and 6 MPa in steps of 1 MPa. The wall thickness is varied between 0.5 mm and 2.0 mm in
steps of 0.5 mm, whereas the number of cooling passages is varied between 15 and 45. It is worth
mentioning that the upper limit of 45 is still below the maximum channel count (𝑁፦ፚ፱), which follows
from Equation 5.3,

𝑁፦ፚ፱ =
2𝜋(𝑟፭ + 𝑡፰)

(𝑐፰)፦።፧ + (𝑙፰)፦።፧
=

2𝜋 (√ ፜∗፦̇
᎝፩ᑠ

+ 𝑡፰)

(𝑐፰)፦።፧ + (𝑙፰)፦።፧
(5.3)

where 𝑐∗ denotes the characteristic velocity, 𝑚̇ the total mass flow rate, 𝑝፨ the chamber pressure, 𝑡፰
the wall thickness, 𝑐፰ the minimum channel width (0.8 mm), and 𝑙፰ the minimum rib width (0.5 mm).

The feasible design space that follows from the parameter study is depicted in Figure 5.4. One can ob-
serve that the maximum wall temperature decreases with increasing channel count, with improvements
becoming small above 30 channels. Note that the maximumwall temperature is achieved below the rib,
which translates to node A in Figure 3.1. As a result of 2-D conduction in the structure, the temperature
directly below the cooling channel is lower. One may also note that the wall temperature increases with
the thickness of the chamber wall, as expected.

The main design parameter that constrains the design space for the bimetallic reference engine is the
heat transfer to the hydrogen peroxide coolant, as displayed in Figure 5.4 on the right. This plot shows
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Figure 5.4: Parameter study showing the maximum gas side wall temperature (left) and heat transfer limits (right) for a bimetallic
NARloy-Z/Inconel 718 thrust chamber as a function of chamber pressure (፩ᑠ), wall thickness (፭ᑨ), and channel count, at a
constant cooling channel size of 0.8×0.8 mm.

the 1-D heat-flux-to-velocity ratio, a term which was readily introduced in subsection 2.4.4 in the context
of the burnout heat transfer limits of the hydrogen peroxide5. Since the channel dimensions are kept
constant in the parameter study, the effective flow area increases with channel count. As a result of the
increasing flow area, the flow velocity decreases, which follows directly from the conservation of mass.
Accordingly, a higher channel count results in a higher heat-flux-to-velocity ratio.

Based on the parameter study, an operating pressure of 5 MPa is selected, with a uniformwall thickness
of 1.7 mm. This design point corresponds to 23 channels of size 0.8×0.8 mm at the nozzle throat plane.
These values serve as the primary input for sizing of the cooling channels at axial stations upstream
and downstream of the throat. For this endeavor, the iterative design approach that is described in
section 5.1 is used, where the wall thickness, channel count, and channel height are kept constant.
A suitable design solution that is obtained after several manual iterations at both the nominal and off-
design operating point is presented in Figure 5.5.
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Figure 5.5: Cooling channel geometry (left) and coolant temperature and pressure (right) for the bimetallic NARloy-Z/Inconel 718
thrust chamber design, at a chamber pressure of 5 MPa and mixture ratio of 8.

The proposed bimetallic reference design has a maximum channel width of 6 mm at the injector plane
and a rib width that varies between 2.6 mm and 5.5 mm. At the off-design point, the pressure drop over
the cooling passages is 2.15 MPa, whereas the maximum temperature of the hydrogen peroxide tem-
perature is 405 K. The inner wall temperature and hot gas heat flux for the proposed design are shown
5The term “1-D” originates from the fact that the heat flux is obtained from Equation 2.26 at the average gas-side wall temperature.
Inside the structure, the heat flux is represented by a 2-D vector, which is numerically resolved using the finite element method.
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in Figure 5.6. In the illustration on the left, one can observe that the temperature at the nozzle throat is
well below the maximum service temperature of NARloy-Z. The thermal gradients in the circumferential
direction are typically less than 40 K, which is very small. In the plot, this is visible in the difference
between the “below rib” curve and “below channel” curve. This small circumferential thermal gradient
is primarily caused by the high thermal conductivity of NARloy-Z (>300W/(mK)). At the coolant side,
the wall temperature does not exceed 540 K. This is well below the saturation temperature of 90% hy-
drogen peroxide, which is equal to 640 K at the coolant inlet pressure. In Figure 5.6 on the left, one can
also see the impact of the coolant flow development on the predicted wall temperature (axial position
>148 mm).
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Figure 5.6: Gas side wall temperatures (left) and hot gas heat flux (right) for the bimetallic NARloy-Z/Inconel 718 thrust chamber
design, at a chamber pressure of 5 MPa and mixture ratio of 8.

From Figure 5.6 on the right, one can conclude that the heat flux of the proposed design, at both the
nominal and off-design operating points lies within the feasible design space, based on burnout heat
transfer constraints. As a consequence of the high heat flux in the bimetallic reference design, high
coolant velocities are required, up to 50 m/s. Despite the low surface roughness of the machined
cooling channels (6 µm), this results in high pressure losses in the vicinity of the throat. If the chamber
pressure is further increased, the hot gas convective heat load also further increases. This means
that higher coolant velocities are required to satisfy the burnout heat transfer constraints. As a result,
the pressure drop over the cooling passages is even higher. A higher pressure drop over the cooling
channels is not possible with the current hydrogen peroxide pump design.

5.3. Integral Additive Manufactured Inconel 718 Thrust Chamber
In this section, the proposed AM thrust chamber for the ESA FLPP project is discussed, which com-
prises an integral Inconel 718 structure. For a proper comparison of the AM engine to the bimetallic
reference engine, an identical chamber pressure (5 MPa) and mixture ratio (8) are used. This way,
the differences between the two design solutions are merely the fabrication technique and selected
material, whereas the thrust chamber geometry and operating conditions are identical. In the model,
this translates to the use of a different temperature-dependent thermal conductivity (∼11W/(mK) [40]
versus ∼300W/(mK) [99]), as well as a different equivalent sand grain roughness (121µm versus
6µm). During simulations in TDCAS, it was quickly discovered that it is not possible to operate the AM
Inconel 718 design at a chamber pressure of 5 MPa when only relying on regenerative cooling. Such
a design resulted in steady-state wall temperatures that exceeded the maximum service temperature
of 1005 K. To operate the chamber at the target pressure of 5 MPa, a combination of regenerative and
film cooling is needed. This design solution is detailed in subsection 5.3.2.

For completeness of the discussion, an AM Inconel 718 which relies solely on regenerative cooling
is also introduced, in subsection 5.3.1. To satisfy the maximum wall temperature constraint, a lower
chamber pressure is used in this design. This way, the impact of film cooling on the design of the thrust
chamber can be evaluated. Lastly, the impact of design uncertainties is briefly evaluated in a sensitivity
study, which can be found in subsection 5.3.3.
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5.3.1. Results without Film Cooling
The design steps taken for the AM Inconel 718 chamber are similar to the bimetallic design described
in the previous section. First, a parameter study is conducted at the nozzle throat plane, as shown
in Figure 5.7. This is used to evaluate the maximum possible chamber pressure, in a configuration
where no film coolant is utilized. The parameter study is based on a constant wall thickness of 0.5
mm and constant channel size of 0.8×0.8 mm. This wall thickness corresponds to the lowest possible
value based on manufacturing constraints. The channel count is varied from 25 to 𝑁፦ፚ፱ in steps of
3, whereas the chamber pressure is varied between 2 MPa and 4 MPa in steps of 0.25 MPa. At a
chamber pressure of 4 MPa, the specific impulse requirements set by the customer can just be met, as
illustrated in Figure 5.1. At lower chamber pressures, the specific impulse requirements REQ-003 and
REQ-004 and pressure requirement REQ-007, cannot be met, based on the assumed overall engine
efficiency of 95%.

The parameter study for the AM Inconel 718 chamber shows similar trends as the study that was con-
ducted for the bimetallic reference chamber. Generally speaking, more cooling channels are required
in this design to maintain the wall at an adequate temperature. This follows directly from the lower
chamber pressure, which results in a larger nozzle throat area. Consequently, the surface area of
the chamber which requires cooling is higher. A design point is selected at a chamber pressure of
2 MPa, which corresponds to 60 cooling passages at the throat plane. This design point provides a
decent margin to the maximum service temperature of the wall. Several manual iterations are again
performed at both the nominal and off-design operating point, to derive the cooling channel geometry
which is depicted in Figure 5.8 on the left.
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Figure 5.7: Parameter study showing the maximum wall temperature (left) and heat transfer limits (right) for a regeneratively
cooled AM Inconel 718 chamber, at constant cooling channel size of 0.8×0.8 mm and wall thickness of 0.5 mm.

The first observation that can be made from Figure 5.8 on the left, is that a much longer chamber barrel
is required, compared to the bimetallic reference design. This follows directly from the definition of the
characteristic length, which was introduced in subsection 2.2.2. At a lower chamber pressure, a larger
chamber volume is needed to achieve the same characteristic length. Since the chamber diameter is
held constant (8 cm), the barrel length increases. Moreover, at a constant nozzle exit pressure and
larger throat area, the nozzle expansion ratio is decreased.

The second observation that can be made from Figure 5.8 on the right, is that the pressure drop over
the cooling passages is 1.67 MPa, which is lower than that of the bimetallic reference engine. This
is an interesting observation since the equivalent sand grain roughness in the AM thrust chamber is
much higher (121 µm). For an identical flow velocity, say 5 m/s, the pressure drop in the AM chamber
is 0.86 MPa/m, and in the bimetallic chamber 0.35 MPa/m. This confirms that pressure losses in the
AM structure indeed scale more steeply. Nonetheless, the flow velocity near the throat in the bimetallic
chamber (50 m/s) is more than twice as high as the flow velocity at the throat of the AM design (19
m/s). Since the pressure drop scales with the velocity squared, the higher flow velocity in the bimetallic
chamber results in a pressure drop at the throat which is roughly seven times higher. Even though the
surface roughness is almost twenty times higher in the AM design, the friction factor is not (see also
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Equation 2.37). For instance, at a throat Reynolds number of 5 × 104 and hydraulic diameter of 0.8 mm,
the friction factor of the AM channels yields 0.130, whereas the friction factor of the machined copper
alloy cooling passages equals 0.036 (which is 3.6 times lower). Hence, the flow velocity becomes
dominant over the surface roughness.
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Figure 5.8: Cooling channel geometry (left) and coolant temperature and pressure (right) for an AM Inconel 718 thrust chamber,
at a chamber pressure of 2 MPa and mixture ratio of 8.
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Figure 5.9: Gas side wall temperatures (left) and hot gas heat flux (right) for an AM Inconel 718 thrust chamber, at a chamber
pressure of 2 MPa and mixture ratio of 8.

The maximum inner wall temperature and hot gas heat flux for the AM Inconel 718 design without film
cooling are presented in Figure 5.9. From these plots, one can observe that the maximum wall tem-
perature complies with the service temperature limit of 1005 K. At the coolant side, the wall reaches
a temperature up to 488 K, which is well below the saturation temperature of hydrogen peroxide at
the coolant inlet pressure. In comparison with the bimetallic reference design, one can observe much
larger thermal gradients in the circumferential direction. This is a direct consequence of the low ther-
mal conductivity of Inconel 718 (∼11W/(mK)). These thermal gradients are well-visible in Figure 5.10,
which shows the predicted 2-D temperature field for different rib widths. In all illustrations, the chan-
nel width and height are kept constant at 0.8 mm. Local hot spots occur directly below the rib as a
consequence of the long conduction path. When decreasing the rib width, a more “flat” temperature
profile is obtained in the wall. A major challenge of decreasing the rib width - and thus increasing the
channel count or channel width - is that the effective coolant flow area is increased. For a constant
coolant mass flow rate, this results in a lower flow velocity, which challenges the burnout heat transfer
constraints.
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Figure 5.10: Impact of rib width (፥ᑨ) and channel count (ፍ) on temperature distribution at the throat of the AM Inconel 718 thrust
chamber with a chamber pressure of 2 MPa.

5.3.2. Results with Film Cooling
The second proposed AM design introduces a hydrogen peroxide film coolant in the combustion cham-
ber. This way, the heat load to the wall can be further reduced, which is necessary to operate the
chamber at the target chamber pressure of 5 MPa. First, a parameter study is again conducted at the
nozzle throat plane. The purpose of this study is to evaluate the required amount of film cooling, which
is assessed in terms of the film cooling fraction (𝜔). The fraction, which represents the ratio between
the film flow rate and the total mass flow rate in the chamber, was introduced in subsection 2.2.4. In
the parameter study, illustrated in Figure 5.11, the film flow fraction is varied between 0.5 and 1.3, in
steps of 0.1. The wall thickness, channel geometry, and chamber pressure are kept constant, at 0.5
mm, 0.8×0.8 mm, and 5 MPa respectively.
Unless stated otherwise, all calculations in this section are based on a liquid film effectiveness (𝜂፜፟,፥) of
0.46, a reference entrainment factor of 0.0425 (𝜓ፋ), a unity local entrainment factor (𝜓ፌ), and a decom-
position rate constant (𝜒) of 3000 sዅ1. For a more detailed explanation of these empirical constants,
the reader is referred to subsections 2.5.2 and 4.2.3.
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Figure 5.11: Parameter study showing the maximum wall temperature (left) and heat transfer limits (right) for a regeneratively
and film-cooled AM Inconel 718 chamber, with a constant chamber pressure of 5 MPa, wall thickness of 0.5 mm, and a cooling
channel size of 0.8×0.8 mm.
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From the parameter study, one can observe a decrease in the throat wall temperature with increasing
film flow fraction. Physically, this corresponds to the downstream movement of the liquid dry-out point.
Moreover, one may observe that the burnout heat transfer margins are much higher under the presence
of a film coolant. Based on Figure 5.11, a film fraction of 0.10 is selected, accompanied with 40 cooling
channels. This design point provides a decent margin to the maximum service temperature of the wall,
as well as the burnout heat flux.
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Figure 5.12: Cooling channel geometry (left) and coolant temperature and pressure (right) for an AM Inconel 718 thrust chamber
at a chamber pressure of 5 MPa, mixture ratio of 8 and film cooling fraction of 0.10.

A promising design solution that is obtained after several manual iterations is depicted in Figure 5.12.
Notice that the internal geometry of the chamber is identical to the geometry of the bimetallic thrust
chamber. At a film flow fraction of 0.10 and chamber diameter of 8 cm, the peripheral film mass flow
rate is 0.45 kg/(sm). This value compares well with the hydrogen peroxide film-cooled thruster of Heo
et al. [52], who experimented with a peripheral flow rate of 0.38-0.76 kg/(sm), and is slightly higher
than values used by Kwak [62], who experimented at a peripheral flow rate of 0.28-0.39 kg/(sm).
Under the presence of the hydrogen peroxide film coolant, the predicted regenerative coolant outlet
temperature is significantly lower. Compared to the bimetallic design, which has an outlet temperature
of 405 K, the AM solution with film cooling has a coolant outlet temperature of 344 K. Furthermore, one
can observe that the heat transfer to the regenerative coolant is much smaller in the section where the
liquid film exists, though not negligible. The predicted pressure drop over the cooling passages is 1.70
MPa, which compares well to the proposed AM design without film cooling.
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Figure 5.13: Gas-side wall temperature (left) and heat flux profile (right) for an AM Inconel 718 thrust chamber at a chamber
pressure of 5 MPa, mixture ratio of 8 and film cooling fraction of 0.10.
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The predicted axial temperature distribution and heat flux profile for the film-cooled design are shown in
Figure 5.13. The illustration clearly shows the large impact of the liquid film on the predicted wall tem-
perature. For the proposed design, the liquid dry-out point is located approximately 60 mm downstream
of the injector. The sharp increase in wall temperature at the dry-out point agrees well with simulations
and measurements in MMH film-cooled thrusters, which were presented in Figure 2.18. In practice, the
temperature upstream of the dry-out point is expected to be slightly higher as a consequence of axial
conduction in the chamber wall. This effect can, however, not be studied in TDCAS and would require
further numerical research or testing.

A steep increase in heat flux can also be observed in the predicted heat flux profile, shown in Figure 5.13
on the right. The predicted heat flux for the nominal and off-design load points are well below the design
heat transfer limit. In comparison, the bimetallic reference design and AM design without film cooling
are operated very close to the design heat transfer limit at the off-design load point (see also Figures
5.6 and 5.9). Combined with the substantially lower wall temperature, it can be concluded that the
film-cooled design can be operated with much larger margins from a thermal perspective.

5.3.3. Design Sensitivity Study
To verify the robustness of the proposed AM Inconel 718 design, a sensitivity analysis is conducted in
the parameters that have the highest uncertainty. These parameters are:

• The convective heat transfer of the regenerative coolant in rough channels,

• The pressure drop in rough channels,

• The liquid film effectiveness,

• The gaseous film entrainment factor.

All AM chamber designs are based on a constant equivalent sand grain roughness. This value is taken
as 121µm, which is the average of typical values provided in Table 2.2. In the first sensitivity study,
depicted in Figure 5.14, the maximum wall temperature and coolant pressure drop are examined, as a
function of the surface roughness. The surface roughness is varied between 50% and 150% of 121µm,
in steps of 10 percentage point.
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Figure 5.14: Impact of surface roughness and coolant convection model on the pressure drop and maximum wall temperature
in the AM thrust chamber (with film-cooling).

Also included in Figure 5.14 is the potential impact of over- or underprediction of the modified Nunner
heat transfer correlation. This effect is studied by multiplying the smooth channel Nusselt correlation
that is used in the modified Nunner correlation (Equation 2.34) with a factor 0.8, 0.9, 1.1, and 1.2. For
the same coolant Reynolds number and Prandtl number, a factor higher than one implies an increase
in the overall Nusselt number, and consequently an increase in the heat transfer coefficient. For com-
pleteness, the results that are obtained from the Dipprey-Sabersky convection model are also included
in the illustration.
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Figure 5.14 reveals that the impact of different convection models, as well as the surface roughness, on
the maximum wall temperature is small. Here, “small” implies that the maximum service temperature of
the Inconel 718 wall or maximum available pressure provided by the pump are not exceeded at any of
the design points studied. As expected, convectionmultipliers of 1.1 and 1.2, which increase the coolant
heat transfer, provide a lower wall temperature. In general, the application of the Dipprey-Sabersky
model results in lower wall temperatures. This is caused by the higher coolant Nusselt number that is
obtained from this model, a trend which was also observed in section 4.1.
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Figure 5.15: Impact of surface roughness and coolant convection model on the pressure drop and maximum wall temperature
in the bimetallic reference thrust chamber.

For completeness of the discussion, a similar sensitivity study for the bimetallic reference chamber is
depicted in Figure 5.15. As a result of the substantially higher thermal conductivity of the NARloy-Z liner,
one can observemuch larger fluctuations in the wall temperature as a function of the surface roughness.
Nevertheless, temperature variations can still be considered small, since none of the studied cases
exceeds the maximum service temperature of the NARloy-Z. On the contrary, pressure variations with
surface roughness cannot be considered small. An increase in surface roughness greater than 20%,
concerning the nominal roughness of 6 µm, results in an overall system pressure drop that exceeds
the available pressure that is supplied by the pump. Therefore, one may conclude that the system
is operated much closer to the design limits. The impact of the different convection models on the
pressure drop is insignificant, which was also observed in Figure 5.14 on the left.
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Figure 5.16: Reference (adiabatic) wall temperature and maximum gas-side wall temperature for different values of the liquid
film effectiveness (᎔ᑔᑗ,ᑝ) and reference entrainment factor (Ꭵᑃ).

The second sensitivity study conducted in this thesis captures the uncertainty in the film cooling model.
Two parameters that have a relevant effect on the evolution of the liquid and gaseous film layer are
the empirical liquid film effectiveness (𝜂፜፟,፥) and gaseous film reference entrainment factor (𝜓ፋ). Earlier
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discussions in section 2.5 explained that the reference entrainment factor typically takes a value be-
tween 0.025 and 0.06 when the local entrainment factor (𝜓ፌ) is unity. Furthermore, validation activities
in section 4.2 showed a good correlation of TDCAS with experimental data if a liquid film effectiveness
of 0.46 was used in the model. In Figure 5.16, both the reference entrainment factor (on the left) and
liquid film effectiveness (on the right) are studied in detail. The maximum gas-side wall temperature
is indicated with dashed lines, whereas the solid line represents the adiabatic wall temperature under
the presence of the film coolant. The chamber design and operating conditions correspond to the AM
Inconel 718 design, which is detailed in subsection 5.3.2.

In Figure 5.16 on the left, the liquid film effectiveness is held constant, whereas the reference en-
trainment factor is varied between 0.025 and 0.06. One can observe that a higher entrainment factor
increases the wall temperature. Within the studied range, the maximum service temperature of the
wall is not exceeded. In the plot on the right, the reference entrainment factor is kept constant and
the liquid film effectiveness is varied. By lowering the liquid film effectiveness, the dry-out point moves
upstream. From the illustration, one can conclude that a 15% reduction in liquid film effectiveness is
possible before the maximum service temperature of the wall is exceeded.

Whether or not a maximum uncertainty of 15% in the liquid film effectiveness offers sufficient margin for
the design of the AM Mk-II engine is not known at this phase of the design. However, if the reduction
in the liquid film effectiveness turns out to be even higher than 15%, the film flow fraction could be
increased to satisfy thermal constraints. If this fraction is increased, more of the hydrogen peroxide is
used in the film layer and, consequently, less in the core stream. Therefore, a further drop in specific
impulse can be expected, as shown in Figure 5.17. This sensitivity study shows the predicted sea level
and vacuum specific impulse, as a function of the film cooling fraction. The plots are evaluated at a
chamber pressure of 5 MPa based on shifting equilibrium flow conditions in CEA. Moreover, a thrust
coefficient efficiency of 96% and core stream characteristic velocity efficiency of 99% are used.
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Figure 5.17: Parameter study showing the impact of film cooling on the specific impulse for the AM thrust chamber.

The results of the sensitivity study confirm the expected reduction in specific impulse at higher film flow
rates. Besides, one may observe that the design point for the AM chamber based on non-ideal perfor-
mance calculations does not comply with customer requirements REQ-003 and REQ-004. Simulations
show that it is only possible to meet these requirements at a film fraction less than 0.06. At these film
fractions, it is not possible to operate the chamber at an acceptable wall temperature. The ideal perfor-
mance, on the other hand, does comply with customer requirements at the selected thruster operating
point. This demonstrates that the proposed design is capable of meeting customer requirements if the
specific impulse efficiency turns out to be higher than the assumed value of 95%. Whether or not this
higher efficiency is achievable must be demonstrated in hot-fire tests.
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5.4. Comparison of Design Options
In this section, the bimetallic reference design is compared to the proposed AM design solutions. First,
in subsection 5.4.1, the impact on dry mass and interfaces are discussed. Second, in subsection 5.4.2,
the pressure budget of the different design options are compared. This is followed by a comparison
of the most important performance figures, in subsection 5.4.3. Lastly, compliance with customer re-
quirements is discussed in subsection 5.4.5.

5.4.1. Impact on Dry Mass and Interfaces
In TDCAS, a simplifiedmass estimation is performed, which is based on the volume of the chamber liner
and structural closeout. These volumes are directly obtained from surface areas of the planar mesh
and axial spacing. It is worth noting that this mass estimation is optimistic and does not include mass
components of the coolant manifolds and injector flange. For the AM Inconel 718 chamber without film
cooling, the estimated dry mass is 856 grams. As a consequence of the higher chamber pressure (5
MPa versus 2 MPa), a shorter chamber barrel length can be used in the AM design with film cooling.
The estimated mass for this design solution is 534 grams.

The mass estimation of the bimetallic reference design is slightly more sophisticated, owing to the
different manufacturing and assembly techniques that are used in this assembly. As explained in the
introduction to this report, the current Mk-II design is based on a removable copper alloy liner which is
placed in a cylindrical structural closeout. The empty volume in the convergent and divergent section
of the nozzle is occupied by a two-piece aluminum insert. Although the exact internal features of the
Mk-II thruster cannot be disclosed, the reader can assume that these compare well with the design of
Jones [113], which is depicted in Figure 5.18 on the left. The primary differences between the design
of Jones and the Mk-II are the dimensions of the chamber and cooling channels, as well as the metal
alloys that are used for the fabrication.

For the bimetallic reference engine, the mass estimation is based on a NARloy-Z liner, a two-piece
aluminum nozzle insert, and a cylindrical Inconel 718 structural jacket. The structural jacket is not
shown in Figure 5.18 on the left, but can clearly be distinguished in Figure 5.18 on the right. The
estimated masses are 534 grams for the liner, 1044 grams for the nozzle insert, and 501 grams for the
structural closeout. This adds up to a total dry mass of 2079 grams. It is worth mentioning that the
calculation of the nozzle insert does not include the presence of (threaded) bolt holes or o-ring grooves.
For reference, if the chamber was realized with the closeout directly deposited on the NARloy-Z liner
(similar to the Vulcain engine, shown in Figure 1.2), the dry mass equals 904 gram. This is still higher
than the proposed AM Inconel 718 design with film cooling.

Figure 5.18: Left: thrust chamber design of Jones, with removable liner, nozzle insert and (not shown) cylindrical structural
closeout (adapted from ref. [113]). Right: Mk-II thrust prior to hot-fire test.
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The second part of this section covers the number of interfaces in the assembly. As the name suggests,
the integral Inconel 718 thrust chamber consists of one single part with no internal sealing interfaces
between the liner and closeout. Nevertheless, based on the high-level feed system diagram depicted
in Figure 4.10, three sealing interfaces remain in the design, which are located at:

• The coolant inlet manifold, which connects the cooling jacket to the feed system between the
chamber and the pump,

• The coolant outlet manifold, which connects the cooling jacket to the feed system between the
chamber and the catalytic reactor,

• The injector flange, which connects the thrust chamber to the propellant injector.

It is worth mentioning that it is possible to integrate the propellant injector into the thrust chamber
assembly during the AM fabrication process. This could remove the sealing interface between the
injector and thrust chamber. Nevertheless, this introduces several major risks in the development. For
instance, when the AM built fails, both the chamber and injector are discarded, which is much more
expensive. Furthermore, when the injector is integrated into the thrust chamber assembly, quality
inspection or post-machining of the inner chamber wall is only possible via the nozzle throat, which is
not practical (considering that the throat diameter is less than 2 cm). Last but not least, when the injector
is integrated into the thrust chamber assembly, the designer has much less freedom to implement
changes during the hot-fire tests (for example, changing the propellant/film coolant injector)

In the bimetallic reference engine, the aforementioned three interfaces are also present, as depicted
in Figure 5.18 on the right. Added to this are two o-rings for sealing between the nozzle insert and
closeout and two o-rings for sealing between the removable chamber liner and closeout. As a result,
the design counts seven sealing interfaces. Moreover, a drain valve is required between the two o-rings
around the nozzle insert, to avoid the creation of an enclosed volume where hydrogen peroxide can
accumulate. This drain valve is not required in the integral chamber design.

5.4.2. Impact on Pressure Budget
The pressure budget for the bimetallic reference engine and two AM designs is presented in Table 5.1.
Pressure loss components for the injector, catalytic reactor, and upstream feed system are based on
assumptions mentioned earlier in subsection 5.1.1. The established pressure budget is based on an
equivalent sand grain roughness of 6 µm in the bimetallic chamber and 121µm in the AM chamber.
From the presented pressure budget, it can be concluded that the required pump pressure for all de-
signs is below the available pump pressure of 9.3 MPa at a hydrogen peroxide mass flow rate of 1
kg/s. The reason for the higher pressure drop in the machined channels of the bimetallic design can
be traced to the substantially higher coolant flow velocity, which was also discussed in section 5.3.

Table 5.1: Estimated pressure budget for the proposed engine designs. All pressures are in MPa.

Parameter Reference AM integral AM integral
bimetallic no film with film

Chamber pressure 5.00 2.00 5.00
Pressure drop injector 0.75 0.30 0.90
Pressure drop catalytic reactor 1.00 1.00 1.00
Pressure drop cooling passage 2.15 1.67 1.70
Pressure drop upstream feed system 0.03 0.03 0.03
Required pump pressure 8.93 5.00 8.63

5.4.3. Impact on Performance Figures
A comparison of all important operating and performance parameters of the bimetallic reference de-
sign and proposed AM designs are listed in Table 5.2. The estimated characteristic velocity, thrust
coefficient, and specific impulse are based on an analysis in CEA, assuming shifting equilibrium flow
conditions. All performance figures that are used in this table are based on non-ideal performance,
with assumed quality factors noted in the table footnote.
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Table 5.2: Comparison of the bimetallic reference design to the proposed additive manufactured integral designs.

Parameter Reference AM integral AM integral
bimetallic no film with film

Nominal chamber pressure, MPa 5.0 2.0 5.0
Mixture ratio 8.0 8.0 8.0
Contraction ratio 13.9 5.6 13.9
Expansion ratio 11.2 5.5 11.2
Characteristic velocity(1), m/s 1588 1580 1531
Thrust chamber dry mass, kg 2.08 0.86 0.53
Propellant flow rates

a. Fuel (core), g/s 125 125 125
b. Oxidizer (core), g/s 1000 1000 888
c. Oxidizer (film), g/s 0 0 112

Sea level performance
a. Thrust coefficient(2) 1.50 1.35 1.50
b. Thrust force, kN 2.70 2.46 2.70
c. Specific impulse, sec 242.2 217.1 233.5

Vacuum performance
a. Thrust coefficient(2) 1.72 1.62 1.72
b. Thrust force, kN 3.11 2.92 3.11
c. Specific impulse, sec 278.5 261.4 268.5

(1) Based on an assumed value for the core flow characteristic velocity of 0.99.
(2) Based on an assumed value for the thrust coefficient efficiency of 0.96.

From Table 5.2, one can conclude that the specific impulse of the reference thruster bimetallic thruster
is highest, at the target chamber pressure of 5 MPa. The application of a film coolant in the AM design
greatly reduced the characteristic velocity, and consequently the specific impulse. The proposed design
is, however, still more competitive than the AM solution without film cooling.

The combined impact of the thrust chamber dry mass and specific impulse on the overall design of the
Mk-II vehicle can be assessed when considering the available delta-v (Δ𝑣). The available Δ𝑣 embodies
the maximum velocity change that can be obtained by the vehicle in a vacuum when expelling the pro-
pellants. The available Δ𝑣 is calculated using the classical Tsiolkovsky equation, noted in Equation 5.4.

Δ𝑣 = 𝐼፬፩𝑔ኺ ln(
𝑀ኻ
𝑀ኺ
) = 𝐼፬፩𝑔ኺ ln(

𝑀፝፫፲ +𝑀፩፫፨፩ +𝑀፩ፚ፲
𝑀፝፫፲ +𝑀፩ፚ፲

) (5.4)

In Equation 5.4, 𝐼፬፩ denotes the vacuum specific impulse, 𝑔ኺ the gravitational acceleration at sea level,
𝑀፝፫፲ the dry mass of the vehicle, 𝑀፩፫፨፩ the propellant mass, and 𝑀፩ፚ፲ the payload mass. The Mk-II
spaceplane has a maximum take-off weight (𝑀ኻ) of 280 kg and a maximum payload mass of 4 kg.
Equipped with the bimetallic thrust chamber, the vehicle has an operational empty weight of 75 kg.
Thus:

• For the bimetallic reference design, the vehicle dry mass is 75 kg. At a specific impulse of 278.5
sec and maximum payload mass of 4 kg, this results in a total available 𝚫𝐯 of 3.46 km/s.

• For the AM design without film cooling, the vehicle dry mass is 73.8 kg. At a specific impulse of
261.4 sec and maximum payload mass of 4 kg, this results in a total available 𝚫𝐯 of 3.28 km/s.

• For the AM design with film cooling, the vehicle dry mass is 73.5 kg. At a specific impulse of
268.5 sec and maximum payload mass of 4 kg, this results in a total available 𝚫𝐯 of 3.38 km/s.

Clearly, the available Δ𝑣 for the spaceplane powered by the AM thrust chambers is inferior to the
available Δ𝑣 when using the bimetallic reference thruster. Since the AM chambers are much lighter,
more propellants can be taken onboard. Under the assumption that the storage tank dry mass remains
constant, this increase in propellant mass is depicted in Figure 5.19 on the right. This plot reveals that
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the propellant mass which can be taken onboard is approximately 1.1-1.3 kg higher when powering
the spaceplane with one of the AM chamber designs. Nonetheless, the larger propellant capacity of
the AM designs still yields a Δ𝑣 that is inferior to that of the bimetallic reference design, as illustrated in
Figure 5.19 on the left. The is primarily caused by the higher specific impulse that is achieved with the
bimetallic reference engine.

0 0.5 1 1.5 2 2.5 3 3.5 4

Payload mass, kg

3.25

3.3

3.35

3.4

3.45

3.5

3.55

3.6

A
v
a
ila

b
le

 
v
, 
k
m

/s

Reference bimetallic

AM integral no film

AM integral with film

0 0.5 1 1.5 2 2.5 3 3.5 4

Payload mass, kg

201

202

203

204

205

206

207

A
llo

w
a
b
le

 p
ro

p
e
lla

n
t 
m

a
s
s
, 
k
g

Reference bimetallic

AM integral no film

AM integral with film

Maximum take-off mass: 280 kg

Maximum payload mass: 4 kg

Maximum take-off mass: 280 kg

Maximum payload mass: 4 kg

Figure 5.19: Available ጂ፯ and allowable propellant mass for the proposed engine designs.

Based on Figure 5.19 and the detailed comparison in Table 5.2, it is concluded that - from a vehicle
performance perspective - it is not advantageous to change the copper-based bimetallic design to an
integral Inconel 718 design. Bear in mind that this conclusion is based on the Mk-II spaceplane and
may not be valid for vehicles that have a different mission profile.

5.4.4. Impact on Non-Technical Performance
The true strength of AM lies in the fact that the designer can rapidly turn a design concept into a func-
tional prototype. On the contrary, “traditional” manufacturing techniques, such as machining, casting,
and forming, often require a large initial investment to start up the production process. These produc-
tion techniques often excel over AM at large production volumes but are less cost-effective for small
production volumes [114]. A practical example of this is the copper alloy liner of the Mk-II thruster,
which is realized with CNC machining techniques. Before manufacturing, a skilled operator programs
the toolpath of the CNC machine, which is a time-consuming undertaking. Hereafter, the machine
automatically follows the programmed path and removes the material from the copper alloy, until the
chamber liner is realized. Provided that the liner design, wrought material, and machining tools remain
unchanged, one can avoid expensive re-programming of the machine. The liner production process of
the Mk-II clearly demonstrates a (relatively) high upfront investment, with decreasing costs for every
consecutive part that is realized.

Whether or not the production of the AM thrust chamber with film cooling is more cost-effective than
the current Mk-II thrust chamber design cannot be said in this phase of the design. Although the
production costs for the current Mk-II thruster are well known, the production costs of the proposed AM
design are not. The reader must be aware that the costs that are involved with the production of an
AM thrust chamber stretch far beyond the costs of feedstock procurement and AM machine operation.
These combined costs for several AM alloys were listed in Table 1.2. There are many other cost
components associated with AM of thrust chambers, which must be considered in the estimations.
Examples include buildshare6, powder removal, hot isostatic pressing7, heat treatments, CT scans,
etc. Besides, functional (sealing) surfaces often still require post-built machining operations to improve
the surface finish, which also increases the overall production costs.

6For parts that do not cover the full build plate of the AM machine, most commercial vendors offer the opportunity to share the
build plate with parts of different customers. This usually results in lower production costs but provides less flexibility concerning
the placement of the parts on the build plate.

7This is frequently used for densification of the part.
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Several production steps, such as machining of the nozzle insert and electroplating of the copper alloy
liner, can be avoided in the integral AM thrust chamber, as illustrated in Figure 5.20. At first hand, one
could envision that the reduction in fabrication steps results in a reduction in production cost. However,
one must take into consideration that AM removes some of the production steps, but also introduces
new steps, such as powder inspection, powder removal, hot isostatic pressing, or CT scanning. These
steps are not presented in Figure 5.20 but do contribute to the production time and cost. A detailed
overview of the end-to-end production cycle and involved fabrication steps is presented in a recent
publication of the author [11] and not repeated here.

Figure 5.20: High-level production steps of the bimetallic and AM thrust chamber (inspections and sub-processes not shown).

One advantage that can be distinguished from Figure 5.20 is that the integral AM thrust chamber likely
requires fewer parts to be sourced/procured, as a consequence of the lower part-count of the structure.
Sourcing of materials and subcontractors is a time-consuming undertaking, which can have a large
impact on the overall cost of the production process8. Outsourced AM parts are also noted to have
shorter lead times compared to parts realized with traditional manufacturing processes [13]. This could
also be seen as an additional non-technical performance advantage of AM parts, which ties in closely
with rapidly turning a design concept into a functional prototype.

5.4.5. Compliance with Customer Requirements
As a final step of comparison, the compliance with customer requirements is evaluated for each design,
as listed in Table 5.3. It is important to addresses that for all requirements, compliance is assessed by
design, which is the best that can be done in this phase of the project. Experiments with the proposed
thrust chamber are required to fully conclude on the compliance with customer requirements.

Based on the assumed specific impulse efficiency of 95%, the AM thrust chamber design with film
cooling does not meet customer requirements REQ-003 and REQ-004. An increase in the sea level
specific impulse of 3 seconds and a vacuum specific impulse of 5.1 seconds is required to satisfy
the customer. This increase is reasonably small and assumed to be possible upon optimization of
the injector and nozzle. Therefore, this requirement is labeled “correctable deficiencies”. For the AM
design without film cooling, a sea-level specific impulse gap of 19.4 seconds and a vacuum specific
impulse gap of 12.2 seconds must be bridged. The former increase is physically not possible without
adjusting the chamber pressure (this would exceed the ideal specific impulse at sea level).

Lastly, since the linear elastic finite element analysis proved to be unsuitable for the Mk-II modeling
application, the useful life of the thrust chamber could not be assessed. To numerically assess the
useful chamber life, an elastoplastic (low cycle) fatigue analysis is required, which is not considered in
this thesis. Therefore compliance with REQ-009 to REQ-011 remains undetermined.
8One often wants to source the most cost-effective parts, which typically requires consultation at multiple subcontractors.
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Table 5.3: Requirement compliance matrix (by design) for the proposed Inconel 718 additively manufactured chamber design.

Identifier Description Reference AM integral AM integral
bimetallic no film with film

REQ-001 The engine shall produce a thrust of at
least 2300 N at sea level.

Met Met Met

REQ-002 The engine shall produce a thrust of at
least 2700 N in vacuum.

Met Met Met

REQ-003 The engine shall have a specific impulse
greater than 236.5 s at sea level.

Met Not met Correctable
deficiencies

REQ-004 The engine shall have a specific impulse
greater than 273.6 s in vacuum.

Met Not met Correctable
deficiencies

REQ-005 The engine shall operate using stabilized
90% high test peroxide as oxidizer.

Met Met Met

REQ-006 The engine shall operate using kerosene
as fuel.

Met Met Met

REQ-007 The engine shall operate at a chamber
pressure between 40 and 120 bar.

Met Not met Met

REQ-008 The engine shall have a dry mass of no
more than 12 kg.

Met Met Met

REQ-009 The engine shall survive a continuous op-
eration of no more than 300 s.

Undeter-
mined

Undete-
rmined

Undeter-
mined

REQ-010 The engine shall survive 10 restarts with
an accumulated burn time of no more
than 1500 s, without replacement of con-
sumables.

Undeter-
mined

Undeter-
mined

Undeter-
mined

REQ-011 The engine shall survive 100 restarts with
an accumulated burn time of no more
than 25000 s, without major overhaul.

Undeter-
mined

Undeter-
mined

Undeter-
mined

5.5. Discussion
In this section, the sub-questions that are posed in the introduction of this report are answered. The
answers to these individual questions are used to answer the primary research question, in chapter 6.

1. What is the short duration compatibility of the AM alloy with 90% hydrogen peroxide?
In this thesis, immersion screening tests are conducted with AM Inconel 718 test articles. The tests are
executed at ambient conditions for seven days and at a temperature of 343 K for seven hours. Results
show no major signs of decomposition at ambient conditions. On the other hand, tests at 343 K reveal
a concentration loss of 18.6 percentage point for samples with immersed Inconel test articles and 16.6
percentage point for a control group with no immersed test article. This suggests that the concentration
loss is primarily driven by the temperature, rather than the presence of the Inconel test article. Post-test
inspections also revealed no signs of bronzing on the surface of the AM test articles.

2. Is it required to passivate the AM alloy before exposure to 90% hydrogen peroxide?
During the immersion screening tests, one experiment was prepared with unpassivated AM Inconel
718. Surprisingly, a smaller concentration loss was observed after seven days at ambient tempera-
ture. Nevertheless, differences with the passivated test article lie within the measurement error. More
experiments are required to fully quantify the impact of surface passivation on chemical compatibility.

3. What is the (hydraulic) surface roughness of the AM alloy?
Based on an experimental data set of Stimpson et al. [25] and Wildgoose et al. [76], the estimated
equivalent sand grain roughness in small AM Inconel 718 with a hydraulic diameter between 0.63 mm
and 1.31 mm is 121µm. This value represents the average of a data set of rectangular and circular
build angles fabricated at an angle between 45° and 90°. A reduction in surface roughness is observed
when the build angle approaches 90°. Yet, no clear correlation between surface roughness and build
angle was observed in the data set at hand.
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4. How can the steady-state thermal-mechanical loading of the thrust chamber wall be simu-
lated?

1. Which semi-empirical model is suitable to predict the gas-side heat transfer?
In this study, two frequently used semi-empirical heat transfer correlations are compared for the
hot gas convective heat transfer: the method of Bartz and Cinjarew & Dobrovolsky. Results
obtained from these two modeling approaches are compared to experimental data of the Mk-II
thruster, a small bipropellant rocket engine propelled by 90% hydrogen peroxide and kerosene.
The comparison of the two models revealed a consistent underprediction of the heat transfer
when using the model of Cinjarew & Dobrovolsky. The results obtained from the Bartz equation
showed a better correlation with the test data.

2. Which semi-empirical model is suitable to predict the coolant side heat transfer?
In this study, the modified Nunner, Norris, and Dipprey-Sabersky correlations are compared for
resolving the coolant heat transfer. All three expressions are based on fluid flow in channels with
high surface roughness. The three models are compared to heat transfer experiments in small
AM Inconel 718 channels. The Reynolds numbers and channel dimensions at which these tests
are conducted compare fairly with the operating conditions of the Mk-II thruster. The modified
Nunner and Dipprey-Sabersky equations show a comparable overpredicting trend of the Nusselt
number, with an average deviation of 14.1% and 19.9% respectively. On average, the correlation
of Norris provides a 35% deviation, which is much larger. In the context of the Mk-II thruster,
which uses hydraulically smooth cooling channels with hydrogen peroxide as coolant fluid, the
modified Nunner provides the most accurate prediction.

3. Can a linear elastic structural model be used to predict the stress in the wall introduced
by the combined thermal and hydraulic loads?
No, it is not possible to use a linear elastic structural model to resolve the stresses in the appli-
cation of a Mk-II size thruster. When one only considers the strains introduced by the pressure
loads, the obtained solution lies well within the yield surface. However, the coupling of the ther-
mal domain introduces thermal strains in the structure that are several orders of magnitude larger
than the pressure-induced strains. As a result, plastic deformation of the wall occurs, which is not
captured in a linear elastic model. The plastic strains are only observed in the wall which sepa-
rates the coolant from the hot gas. This corresponds to the location where the thermal gradient is
highest. The linear elastic model could potentially be of use in structures that see much smaller
thermal gradients in the wall, such as radiation-cooled thrust chambers or nozzle extensions.

For modeling the steady-state thermal loading in the chamber wall of a hydrogen peroxide-cooled
thruster, the correlation of Bartz, combined with the modified Nunner model for coolant convection,
seems most reasonable for a preliminary design. An important note that must be placed, is that all
hot-fire results considered in this thesis are based on the integrated hydrogen peroxide heat load, in
cooling channels with a low surface roughness (6 µm). This means that transfer to the coolant fluid is
evaluated at the inlet near the nozzle exit plane and outlet at the injector plane. Therefore, local heat
transfer trends, for example, close to the injector, cannot be validated.

For modeling the steady-state structural loading in the chamber wall, a linear elastic analysis is unsuit-
able. It is recommended to use an elastoplastic solver in future research for predicting the temperature-
and pressure-induced stress in the chamber wall.

5. What is an adequate cooling configuration for an integral AM thrust chamber that meets
customer requirements?

1. Which parameters constrain the feasible operating space of the thruster?
This depends on the chamber material. For the bimetallic reference Mk-II design, which is based
on a NARloy-Z liner, themaximum operating regime is primarily constrained by the heat transfer to
the hydrogen peroxide coolant. This design requires high coolant velocities to satisfy the burnout
heat transfer constraints. As a result, a high pressure drop is present in the cooling passages,
which challenges the available pressure budget.
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For the AM Inconel 718 design, the design space is primarily constrained by heat transfer in the
chamber wall. Physically, this translates to limits imposed for the minimum wall thickness and
maximum service temperature of the material. Based on the imposed constraints, operation of
the thrust chamber at high pressures (≫2MPa) is not possible without the use of a film coolant
that isolates the hot gas from the chamber wall.

2. Can film cooling extend the operating regime of the proposed design?
Yes, simulations show that the AM Inconel 718 chamber can be operated at a pressure equal to
that of the current bimetallic Mk-II engine. Based on the simulations with a hydrogen peroxide
film-coolant, it is concluded that 10% of the total mass flow rate must be used for film cooling to
operate the chamber at a pressure of 5 MPa. Hot-fire tests at this operating point are required to
validate the proposed design solution.

The proposed Inconel 718 chamber operates at a pressure of 5 MPa and relies on both regenerative
cooling and film cooling to keep the chamber wall at acceptable temperatures. Simulations show that a
hydrogen peroxide film flow rate of 112 g/s is sufficient for the long-duration operation of the chamber.
A secondary design, which relies only on regenerative cooling, is also proposed. Simulations show
that this design can operate at a chamber pressure up to 2 MPa, which is substantially lower than the
design with film cooling.

6. How does the proposed AM thrust chamber design compare to the current bimetallic thrust
chamber used in the Mk-II spaceplane?
This sub question is answered based on the “reference Mk-II thruster”, discussed in in section 5.2, not
the real Mk-II thruster.

1. Which interfaces can be removed in the proposed AM design?
All, except the sealing interfaces at the injector, coolant inlet manifold, and coolant outlet manifold.
The current bimetallic design counts seven sealing interfaces. Four of these interfaces can be
removed in the AM design.

2. How does the dry mass of the proposed AM design differ from the current design of the
Mk-II?
The predicted dry mass of the bimetallic chamber is 2.08 kg. The AM Inconel 718 design with
film cooling has an estimated dry mass of 0.53 kg. Both mass estimations do not consider the
injector flange, coolant inlet manifold, and coolant outlet manifold.

3. How does the coolant pressure drop of the proposed AM design differ from the current
design of the Mk-II?
The pressure drop in the cooling passages of the reference design is 2.15 MPa, at a surface
roughness of 6 µm. On the contrary, the pressure drop in the cooling channels of the film-cooled
AM design is 1.70 MPa, at an assumed surface roughness of 121 µm. The higher pressure drop
in the bimetallic design is a consequence of the much higher coolant flow velocity (almost twice
as high).

To capture the impact of both the dry mass and specific impulse, the available Δ𝑣 was calculated in
the context of the Mk-II spaceplane. Compared to the current bimetallic chamber design, which has a
total available Δ𝑣 of 3.46 km/s at a payload mass of 4 kg, the proposed AM Inconel 718 design with
film cooling has a total available Δ𝑣 of 3.38 km/s, at the same payload mass. From a Δ𝑣 perspective,
the proposed AM design with film cooling is inferior to the bimetallic copper design.

The strength of the AM solution lies in the fact that only one single part is required for the thrust chamber,
rather than an assembly with many sealing interfaces. This greatly simplifies the assembly steps and
reduces the number of potential leak paths. Moreover, with AM, the designer can rapidly turn a design
concept into a functional prototype. With traditional manufacturing techniques, high upfront investments
are often required, which makes this process less suitable for rapid prototyping.
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Conclusions and Recommendations

A startup new-space company, Dawn Aerospace, is developing a 2.5 kN class bipropellant thruster
propelled by 90% hydrogen peroxide and kerosene, which is used in the application of a sub-orbital
spaceplane, designated Mk-II. The thruster used in the Mk-II vehicle is regeneratively cooled with hy-
drogen peroxide and consists of a copper alloy liner with electroplated coating, that is placed inside a
high-strength closeout structure. For the second iteration of this thruster, Dawn Aerospace wants to in-
vestigate the use of an integral additively manufactured (AM) design, rather than a bimetallic structure.
Therefore, the following research question is addressed:

“Is it advantageous to realize the thrust chamber of a small, hydrogen peroxide cooled, rocket
engine as an integral additivelymanufactured structure, instead of a bimetallic structure created
with traditional manufacturing methods?”

The question is investigated in the context of a bimetallic structure, comprised of NARloy-Z and Inconel
718, and an integral structure, comprised of AM Inconel 718.

When purely looking at the expected performance of the thruster, in terms of specific impulse and
vacuum Δ𝑣 (delta-v), it is not advantageous to realize the chamber as an AM Inconel 718 structure.
When operated at a chamber pressure of 5 MPa, a bimetallic thrust chamber with NARloy-Z liner can be
operated in steady-state whilst relying solely on regenerative cooling with hydrogen peroxide. For the
AM Inconel 718 chamber design, a combination of regenerative cooling and film cooling with hydrogen
peroxide is required. In the context of the Mk-II spaceplane carrying a 4 kg payload, the total available
Δ𝑣 decreases from 3.46 km/s to 3.38 km/s when the bimetallic design is replaced with the AM design. To
achieve the same Δ𝑣, the payload mass or vehicle dry mass must be reduced. The predicted dry mass
of the AM thrust chamber is almost 75% lower. This decrease in dry mass is, however, not sufficient to
achieve a comparable available Δ𝑣 (a further reduction of the vehicle dry mass is necessary).
When ease of manufacturing and integration are also taken into account, the AM Inconel 718 chamber
becomes a more competitive alternative to the bimetallic NARloy-Z/Inconel 718 chamber. The current
bimetallic chamber design that is used by Dawn Aerospace is troubled by many sealing interfaces. The
use of an integral AM design can reduce the total number of seals required by more than 50%. As a
consequence of the poor chemical compatibility of hydrogen peroxide with copper-containing alloys,
a proprietary coating is required on the cooling channels, which physically separates the copper alloy
liner from the hydrogen peroxide in the bimetallic chamber. This coating requires rigorous inspection in-
between hot-fire tests, which increases the turnaround time and costs. As a result of the (demonstrated)
superior chemical compatibility of Inconel 718 with hydrogen peroxide, such a proprietary coating is not
required in the AM design.

An important limiting factor to address in the research question is that the thrust chamber must be
“hydrogen peroxide cooled”. Due to the poor chemical compatibility of hydrogen peroxide with many
highly conductive metal alloys, the AM design space is very narrow. As a result, the answer to the
research question could be different when other propellants are considered for cooling.
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Based on the outcome of this research, several recommendations are posed. First listed are recom-
mendations for the future development of the AM Mk-II thruster:

• Hot-fire test the proposed design solution. This is required to fully validate the proposed de-
sign. The recommended steps for this hot-fire test campaign are briefly discussed in Appendix A.

• Measure local heat transfer effects. The current test setup of Dawn Aerospace only measures
the coolant temperature and mass flow rate at the nozzle exit plane and injector plane. This setup
allows designers to assess the integrated heat load, whereas local heat transfer in sections of the
chamber remains unknown. To get a better insight into the heat transfer in the Mk-II thruster, it is
recommended to develop a demonstrator engine with multiple cooling loops (calorimetric setup),
or include thermocouples in the ribs of the thrust chamber liner (where possible). This way local
heat transfer effects can be measured, which is valuable information for the validation of any
thrust chamber thermal design software.

• Conduct more hot-fire tests with water as coolant. Almost all test data available for this thesis
is based on hydrogen peroxide as a coolant. Upon validation, it was hypothesized that some of
the hydrogen peroxide could have decomposed in the cooling channels. Nevertheless, the data
at hand is not conclusive. If more tests are conducted with (stable) water as a coolant, this data
could be compared to experiments with a hydrogen peroxide regenerative coolant. This way,
potential decomposition effects can be quantified.

• Measure the thrust force. The current Mk-II test data only allows for a prediction of the experi-
mental characteristic velocity. When the test setup is extended to include load cells for thrust force
measurements, the thrust coefficient can also be determined. This way the proposed model can
be adjusted to account for the real thrust coefficient efficiency, rather than typical values described
in the literature.

• Experiment with thermally stressed hydrogen peroxide in rough conduits. These experi-
ments can be used for further valuation of the hydrogen peroxide rough-channel Nusselt correla-
tions. Besides, these experiments may further our understanding concerning the safe operating
conditions of concentrated hydrogen peroxide in regenerative cooling applications. A good start-
ing point for these experiments is the test apparatus developed by Rousar & Van Huff [71], in
which the commercially smooth Inconel 718 could be replaced by AM Inconel 718 tubes.

Additionally, several recommendations are posed for future developments of the developed Two Di-
mensional Combustor Analysis Software (TDCAS):

• Improve the structural analysis model. This thesis has demonstrated that a linear elastic struc-
tural model cannot be used for predicting the stress, and consequently (low cycle) fatigue life, in
the wall of the thrust chamber. For future research, it is recommended to extend the developed
software to solve the displacement field in the wall based on elastoplasticity and (potentially)
creep effects. These simulations could be used for numerical assessment of the chamber life,
which is vital information for reusable propulsion systems.

• Improve the hot gas heat transfer prediction. The modeling approaches that are used in
TDCAS are based on simple 1-D Nusselt correlations. A more accurate model would include the
effects of the propellant injector and region upstream of the nozzle where the flow is not yet fully
developed. This could, for example, be achieved by implementing a 2-D boundary layer code.

• Include the upstream feed system and transients. Dawn Aerospace has readily developed
transient heat transfer codes for in-space micro-propulsion devices, as well as simulation tools
for predicting the fluid flow in the feed system tubing and turbomachinery. It would be interesting
to add all these codes to TDCAS. This way, the full burn of the thruster, including start-up and
shut-down transients, can be resolved. This also requires the 2-D thermal solver in TDCAS to be
extended to a 2-D transient thermal solver.

All in all, TDCAS provides a solid, object-oriented, baseline that can be used for many future thruster
heat transfer simulations. The versatility of the developed code also allows the user to simulate different
propellant combinations and thrust chamber materials. This makes the TDCAS interesting for rapid
concept evaluation in the preliminary design phase of liquid rocket engines.
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A
Preliminary Test Plan ESA FLPP Project

As explained in chapter 4, the test data at hand provides limited validation of the developed model.
To assess the impact of additive manufacturing on heat transfer and coolant channel flow, more tests
are required in a relevant (additively manufactured) configuration. This section briefly describes an
experimental approach that may be used for the development of the Mk-II engine as a part of the
ESA FLPP project. The development tests proposed in this work are grouped in four different test
phases, as illustrated in Figure A.1. In each subsequent phase, the engine is operated closer to the
final design point and the risks involved increase. After phase D, the engine development programmay
be concluded with flight qualification (not included in the figure).

It is important to note that Figure A.1 only outlines test phases that involve the actual AM thrust chamber.
Before phase A (non-)destructive tests with witness coupons created during the AM process shall be
conducted. The purpose of these tests is to get a better insight into the thermo-mechanical properties of
the selected material, as well as chemical compatibility. Examples of this are the immersion screening
tests at ambient and moderate temperatures, which are already conducted (section 4.4). Other tests
that could be considered before phase A include tensile tests, cycle life tests, and thermal conductivity
measurements. These tests are not yet conducted.

Figure A.1: Schematic overview of different phases of the Mk-II FLPP development program.

Phase A testing of the thrust chamber involves non-destructive tests with the thrust chamber, without
an ongoing combustion reaction. Water is used as a simulant fluid for hydrogen peroxide. Examples of
experiments that should be conducted in this phase are leak tests and hydraulic characterization tests.
The results of phase A tests can be used to:

• Extend the validation of the pressure drop model introduced in section 2.4 to AM channels. This
can be done by measuring mass flow rate and pressure at the cooling jacket inlet and outlet,
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similar to the approach taken in Figure 4.15.

• Validate the discharge characteristics of the propellant injector and film coolant injector.

• Demonstrate leak-tightness of the cooling jacket.

• Demonstrate structural integrity of the thrust chamber, without the presence of a thermal load.

Phase B testing of the thrust chamber involves the hot-fire test of the chamber in both monopropellant
and bipropellant mode. In these experiments, water is used as a coolant fluid. The advantage of
this approach is that the fluid properties of water are well-described in literature and that potential
decomposition effects in the cooling channels can be neglected. It is recommended to start hot-fire
tests at amixture ratio or chamber pressure below the nominal design point. These operating conditions
can be increased after each test. This way, the thermal loading of the wall can be carefully controlled.
For this design, it is strongly recommended to use an instrumented chamber setup, similar to refs.
[115, 116]. The results of phase B tests can be used to:

• Extend the validation of the hot gas heat transfer models used introduced in subsection 2.5.2 in
both the nozzle and cylindrical section of the chamber (close to the injector). This can be done
using thermocouple readouts or measurements of the coolant temperature rise in different cooling
loops along the chamber length.

• Extend the validation of the analytical film cooling model introduced in section 2.5 to higher oper-
ating pressures and the injector/chamber configuration of the Mk-II. This can be done by means
of thermocouples placed in the ribs of the wall, similar to the approach taken by Heo [52].

• Validate the local wall temperatures predicted by TDCAS, by means of thermocouple readouts.

• Demonstrate structural integrity of the thrust chamber, under the presence of a thermal load.

Tests executed in phase C are similar to those in phase B. The primary difference is that hydrogen
peroxide is used as a coolant, in an open configuration (similar to dump cooling). These experiments
can be used to identify potential decomposition effects in the cooling channels. This can be achieved
by collecting the hydrogen peroxide at the outlet of the cooling jacket. Concentration measurements
before heating (inlet) and after heating (outlet) may be used to further our understanding of potential
decomposition effects in the cooling channels. This measurement approach is similar to that taken by
Rousar & Van Huff who experimented with 98% hydrogen peroxide in Inconel 718 tubes. Moreover,
the open-loop architecture allows the designer to control the coolant mass flow rate independently of
the core mass flow rate. This way, experiments with different coolant mass flow rates, and thus coolant
flow velocities, can be conducted. Results of phase C may also be used to validate the rough channel
convection models introduced in section 2.4.

In phase D tests, the outlet of the cooling jacket is attached to the catalytic reactor, thereby closing the
engine cycle. With the feed system attached to the combustion chamber, the complete Mk-II engine
(pumps, thrust chamber, injector, reactor) can be qualified to ECSS-E-ST-35C. The results that are
obtained during these tests summarize tasks 8A, 8B, and 9 of the ESA FLPP project, which were
presented in Figure 1.5, and can be used to experimentally validate compliance with the customer
requirements.



B
Specifications of the Verification Engine

This appendix contains a comprehensive overview of the design parameters of the verification engine.
This engine design is used extensively throughout this work for verification of TDCAS. The verification
engine is a hypothetical engine design which is created in the Rocket Propulsion Analysis software
to meet similar requirements as the Mk-II thruster. A complete set of thrust chamber design specifi-
cations is provided in Table B.1. Additionally, the chamber contour and cooling channel parameters
are presented in Figure B.1. This data allows other researchers to recreate this engine an reproduce
results that are discussed in this work.

Table B.1: Design parameters of the thrust chamber which is used for verification of TDCAS.

Oxidizer 90% HኼOኼ Coolant 90% HኼOኼ
Fuel RP-1 Coolant flow direction Opposite to gas
Mixture ratio 8 Coolant inlet temperature 20 ∘C
Chamber pressure 4 MPa Coolant inlet pressure 12 MPa
Total mass flow rate 1.1 kg/s Coolant mass flow rate 0.98 kg/s
Contraction ratio 10 Number of channels 30
Expansion ratio 10 Channel bifurcations none
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Figure B.1: Cooling channel and wall geometry of the verification engine described in Table B.1.
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C
Additional User Information for TDCAS

User Inputs
This section briefly describes the required user inputs in TDCAS, based on the proposed AM chamber
design with film cooling (see also subsection 5.3.2). The first input block includes the basic design
parameters of the thruster, in terms of chamber pressure, mixture ratio, and propellant flow rates.

engine . design . chamber_pressure = 1.0*50e5 ; % Pa
engine . design . m i x t u r e_ ra t i o = 8 ; % −
engine . design . t o t a l _ f l ow_ r a t e = 1.125; % kg / s
engine . design . o x i d i z e r = ’H2O2_90 ’ ; % −
engine . design . f u e l = ’RP1 ’ ; % −

Second, the user must define the geometry parameters of the thrust chamber. This can be done with
a source file that is imported into TDCAS. The source file is a .csv file that includes the coordinates of
the thrust chamber, the wall thickness, the number of cooling channels, the cooling channel width, the
cooling channel height, and the radius of curvature. All channel and contour dimensions are defined in
millimeters.

% 1) Source f i l e f o r chamber / channel d e f i n i t i o n .
engine . design . source = readmatr ix ( ’ i ncone l_des ign_ f i lm . csv ’ ) ; % . csv

The purpose of the source file is to avoid TDCAS from re-calculating the thrust chamber geometry when
a design is fixed (e.g. for the chambers that are considered for the validation of the code). Alternatively,
TDCAS can calculate the geometry of the thrust chamber and cooling passages, which is based on the
following user inputs:

% 2A) Automatic s i z i ng o f the chamber / channels
engine . design . l s t a r = 0 . 6 ; % m
engine . geometry . radius_chamber = 0 .04 ; % m
engine . geometry . convergent_angle = 45; % deg
engine . design . chamber_curvature = 0 . 5 ; % r / r_chamber
engine . design . upstream_nozzle_curvature = 1 . 4 ; % r / r _ t h r oa t
engine . design . downstream_nozzle_curvature = 0.382; % r / r _ t h r oa t
engine . design . nozz l e_ l eng th_ f r ac t i on = 0 . 8 ; % −
engine . design . ex i t_p ressure = 65000; % Pa

engine . design . channel_count_throat = 40; % −
engine . design . minimum_wall_thickness = 0 . 5 ; % mm
engine . design . channel_ input = ’cw ’ ; % ’cw ’ / ’ lw ’
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% 2B) Channel d e f i n i t i o n | pos , − | tw , mm | cr , mm | cw / lw , mm |
engine . design . channel = [ . . .

0 .00 , 0 .5 , 0 .8 , 4 . 0 ;
0.50 , 0 .5 , 0 .8 , 4 . 0 ;
0.90 , 0 .5 , 0 .8 , 1 . 0 ;
1.00 , 0 .5 , 0 .8 , 1 . 0 ;
1.01 , 0 .5 , 0 .8 , 1 . 0 ;
2.00 , 0 .5 , 0 .8 , 4 ] ;

The chamber curvature, upstream nozzle curvature, and downstream nozzle curvature represent the
radius of curvature of the chamber, divided by the chamber radius or nozzle throat radius. The entrance
and exit angles of this parabolic curve are automatically calculated as a function of the expansion ratio
and nozzle length fraction, based on typical values provided by Rao [58]. For sizing of the cooling
channel geometry, the user has the option to define either the channel width “cw” or land/rib width
”lw”. Sizing is based on a channel definition matrix that includes the non-dimensional position, the
wall thickness (in mm), the channel height (in mm), and the channel width or land width (in mm). A
non-dimensional position of 0 corresponds to the injector plane, 1 to the nozzle throat plane, and 2 to
the nozzle exit plane. Stations in-between these three locations can be defined for local optimization
of the cooling channel geometry. Based on the input matrix, the channel geometry at all computational
stations is determined utilizing linear interpolation.

Third, the user inputs the materials of the liner and closeout, the outer wall emissivity, and the burst
safety factor. The wall and liner files are inserted via Matlab functions that relate material properties
to temperature. If the wall emissivity is set to 0, radiation of the chamber wall to the environment is
neglected.
engine . wa l l . l i n e r _ f i l e = @Inconel_718 ; % @filename
engine . wa l l . c l o s eou t _ f i l e = @Inconel_718 ; % @filename
engine . wa l l . em i s s i v i t y = 0 ; % −
engine . wa l l . bu r s t _ sa f e t y_ f ac t o r = 2 ; % −

The fourth set of inputs include the estimated characteristic velocity efficiency, thrust coefficient effi-
ciency, hot gas convection file, and hot gas radiation model. For the hot gas convection file, the user
has the option to select the correlation of Bartz or Cinjarew & Dobrovolsky. For the hot gas radiation,
the method of Kirchberger et al. is used. For more information on these methods, the reader is referred
to section 2.3.
engine . performance . combus t ion_e f f i c iency = . 99 ; % −
engine . performance . nozz l e_e f f i c i ency = . 96 ; % −
engine . hotgas . f i l e = @bartz ; % @filename
engine . hotgas . i n c l ude_ rad i a t i on = t rue ; % t rue / f a l s e

Fifth, the film coolant modeling inputs are defined. If the film cooling fraction is set to 0, the presence
of the film coolant is neglected in the simulations. It is worth noting the current release of TDCAS does
not allow the user to easily change the simulation inputs for the NASA SP-8124 model (film entrainment
factors, decomposition rate constants, heat capacities, decomposition temperature, etc.). These are all
included in the model file and are manually varied during the sensitivity study of this thesis. As a result,
it is more difficult to change these values, which is an important improvement for a future release of the
code. The definition of the film coolant file is similar to the definition of the liner and closeout files and
based on integrated Matlab functions that provide the coolant properties as a function of temperature.
engine . f i l m . type = ’ o x i d i z e r ’ ; %’ ox id i ze r ’ / ’ f ue l ’
engine . f i l m . c o o l a n t _ f i l e = @H2O2_90; % @filename
engine . f i l m . f r a c t i o n = 0 . 1 ; % −
engine . f i l m . o r i f i c e_d i ame te r = 0 .3 /1000; % m
engine . f i l m . o r i f i c e_ coun t = 40; % −
engine . f i l m . i n j ec t i on_ tempera tu re = 298; % K
engine . f i l m . c h a r a c t e r i s t i c _ v e l o c i t y = 935.2 ; % m/ s
engine . f i l m . l i q u i d _e f f e c t i v e nes s = 0 .46 ;
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Sixth, the regenerative coolant is defined. For convective heat transfer, the user can select the modified
Nunner correlation and Dipprey-Sabersky correlation, as explained in subsection 2.4.1. Furthermore,
the user can select the coolant flow direction to be parallel to the direction of the hot gas flow, or in the
direction opposite to the gas flow.

engine . coo lan t . f i l e = @H2O2_90; % @filename
engine . coo lan t . model = ’ modi f ied−nunner ’ ; % ’model ’
engine . coo lan t . d i r e c t i o n = ’ counter ’ ; % ’ counter ’ / ’ p a r a l l e l ’
engine . coo lan t . mass_flow_rate = 1 . 0 ; % kg / s
engine . coo lan t . wal l_roughness = 121e−6; % m
engine . coo lan t . i n l e t_ tempera tu re = 273+20; % K
engine . coo lan t . i n l e t _p ressu re = 93e5 ; % Pa

Last, the simulation settings are defined for the setup of the 2-D finite element algorithm. The user can
select a 2-D temperature solution of the wall (response2D=‘all’) or a 1-D temperature solution of the
wall (responseD=‘none’).

engine . so l ve r . response_2D = ’ a l l ’ ; % ’ a l l ’ / ’ none ’
engine . so l ve r . ax ia l_spac ing = 1/1000; % m
engine . so l ve r . mesh_refinement = 1 . 0 ; % −
engine . so l ve r . max i ter = 200; % −
engine . so l ve r . to l_convergence = 1e−6; % −
engine . so l ve r . solve_mechanical = f a l s e ; % t rue / f a l s e
engine . so l ve r . ambient_temperature = 294; % K
engine . so l ve r . ambient_pressure = 101325; % Pa

To initiate TDCAS, the user selects the “run job” command, as shown below. This automatically starts
the chamber sizing routine and 2-D analysis of the chamber wall, following the routines depicted in
Figure 2.1.

engine = run_job ( engine ) ;

Mesh Structuring
As mentioned in subsection 2.2.3, TDCAS automatically generates a structured mesh, based on a
user-defined mesh refinement depth. The mesh consists of a matrix that stores the nodal coordinates
and a matrix that stores the nodal connectivity. An example of the nodal coordinate matrix (for the first
five nodes) is shown below,

% engine .mesh . nodes (94050x4 double )
1 −0.00281430143053995 0.0357590901657499 0.156000000000000
2 −0.00267393204991734 0.0357698603494143 0.156000000000000
3 −0.00253352147948871 0.0357800795267023 0.156000000000000
4 −0.00239307188216773 0.0357897475401958 0.156000000000000
5 −0.00225258542146922 0.0357988642409666 0.156000000000000

where the first column indicates the node number, the second column the x-coordinate of the node, the
third column the y-coordinate of the node, and the fourth column the z-coordinate of the node. All these
coordinates are based on the reference frames established in Figure 2.6. For the element connectivity
matrix, the following format is used,

% engine .mesh . elems (83700x6 double )
1 1 1 2 23 22
2 1 2 3 24 23
3 1 3 4 25 24
4 1 4 5 26 25
5 1 5 6 27 26

where the first column indicates the element number, the second column the material identifier, and
the last four columns the nodal connectivity of the element. For instance, the first quadrilateral element
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(southwest corner in Figure C.1) comprises the nodes with numbers 1, 2, 13, and 12. The element
numbering is initiated in the southwest corner of the mesh (below the rib).

Figure C.1: Structured mesh with nodal numbering.

A second part of the mesh definition are the boundary conditions, which are automatically evaluated
based on user inputs. The format used for storing boundary conditions is shown below, for the first five
elements on the gas-side boundary.
% mesh . edges . gas_side
1 1 2 0.0763826971675482 −0.997078574423004 12
2 2 3 0.0722289151410433 −0.997388080847946 12
3 3 4 0.0680738799645324 −0.997680282889551 12
4 4 5 0.0639176637266909 −0.997955175478198 12
5 5 6 0.0597603385365592 −0.998212753844588 12

The first column in the edge matrix contains the element number and the second and third column the
boundary node numbers. For instance, in the first element, only nodes 1 and 2 are located on the gas-
side boundary, which also becomes clear upon inspection of Figure C.1. The fourth and fifth columns
indicate the outward unit normal vector, and the sixth column the edge location in the isoparametric
reference frame (which is used in the finite element method). Here, “12” implies that the boundary lies
on the edge between (-1,-1) and (+1,-1) in the isoparametric reference frame. For more details on the
physical meaning of isoparametric coordinates, the reader is referred to the literature [97, 98].

Program Outputs
Once the code is finished, all results are stored in “engine” object handles. This way, individual outputs
of the code are easily accessible for further investigation. The following object handles are used in
TDCAS:
engine

design
performance
geometry
wall
hotgas
film
coolant
solver
mesh

It is worth mentioning that the outputs “geometry” and “wall” have several points of overlap. The out-
put set “geometry” contains the geometrical parameters of the thrust chamber, such as the chamber
geometry and cooling channel definition. These outputs can be used in the follow-up detailed design
in computer aided design software. The output set “wall”, on the other hand, contains solutions of the
2-D finite element analysis.
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Publication Acta Astronautica

In the literature study that was conducted prior to this thesis, a detailed summary was provided regard-
ing the current state-of-the-art and capabilities of AM applied to the construction of liquid rocket engine
thrust chambers. The results of the literature study are summarized and published in a journal article
in Acta Astronautica, which is co-authored by TU Delft supervisor Dr. Angelo Cervone and Paul Gradl,
a leading industry expert in the field of AM who is working for NASA Marshall Space Flight Center. The
article can be found under the following citation:

F. Kerstens, A. Cervone, and P. Gradl. End to end process evaluation for additively manufactured liquid
rocket engine thrust chambers. Acta Astronautica, 182, 2021. doi: 10.1016/j.actaastro.2021.02.034.

For a more detailed explanation of the different AM production techniques applied to liquid rocket en-
gines, the reader is encouraged to study this paper. The abstract of the accepted article is presented
below:

Abstract
High performance liquid rocket engines require cooling to maintain structural integrity of the combustion
chamber which is exposed to high thermal and environmental loads. Formany systems, this is achieved
by means of regenerative cooling, where a cold coolant flows through passages around the chamber
wall whilst extracting heat from the wall. A novel production technique that is often considered for this
is metal additive manufacturing (AM). The use of additive manufacturing opens up new opportunities
for engine design, which can result in more competitive designs, from both a technical and economical
perspective.

This paper provides a detailed literature review on the current state-of-the-art, challenges, and oppor-
tunities for designing additively manufactured liquid rocket engines by means of the laser powder bed
fusion and powder or wire-based directed energy deposition (DED) techniques. A detailed, system-
atic explanation is provided on the steps involving the creation of additively manufactured thrusters
including the process considerations, AM techniques and post-processing operations.
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