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Executive Overview
This report details the outcome of ten weeks of design work by ten students in the final year of their bachelor
of aerospace engineering degree. The design considerations and outcomes for the XV-25 Griffin showcased in
Figure 1 are presented. The vehicle concept is an attempt at merging the worlds of vertical and horizontal flight.

Figure 1: Detailed Design Concept

The objective of the design was to arrive at a vehicle that can meet the stated requirements. The team received
the project brief from the Vertical Flight Society, which outlined a mission profile as the design consideration.
The vehicle is required to carry 6,000 lbs (2,712 kg) of payload with a radius of action of 500 NM (926 km).
The vehicle is required to be able to take off and land vertically with efficient hover capabilities. On top of this,
the vehicle is required to maintain a cruise altitude of 20,000 ft (6,096 m) and a cruise speed of 450 kts (231.5
m/s). The project consisted of four phases, the initial planning phase, followed by the baseline. The third phase
of the project concluded at the midpoint and consisted of conceptual design and trading off of these concepts.
Following the first three phases a single concept was chosen and designed further, this last phase focused on the
detailed design and analysis of the chosen concept.

In order to determine the viability of such a design, a market analysis was conducted to determine both the depth
of the budget as well as the demand for such a vehicle. In the market analysis, the stakeholders identified were
Governmental organizations such as the Military, Organisations in search and rescue, as well as the Commercial
market where in particular the offshore industry is of interest. However, the key market is the military market.
The breakdown of the expected cost can be characterized as can be seen in Table 1.

Table 1: Cost Breakdown Structure per Subsystem Adjusted for Inflation [in US $]

Airframe Rotor Propulsion Electrical Drive Total US $ Total €
21,226,100 9,114,430 18,000,200 1,677,686 1,033,113 51,051,529 47,000,000

From the baseline of the costs, a margin can be added and a sales price determined. Applying a margin of
13.1% yields a sales cost of US$ 57.7 million (€ 53.2 million). With a cadence of 12 vehicles per year leading
to expected profits of US$ 80 million (€ 73.6 million) while capturing 1.7% of the total global military market.
The features of the vehicle allowing it to reach the requirements set by the VFS and justify the sales price set can
be overviewed in Figure 7.1. Specifically, the key technologies revolve around the main rotor being stowed in
flight. This was deemed themost feasible way to reach the cruise speeds and as such drove the entire design. The
forward-swept box wings, h-tail, and retracting rotors are also influenced by this decision. Several mechanisms
were conceptualized and selected in accordance with the stowing including the storage compartments, blade
retraction mechanisms, hub braking, rotor lowering, and compartment doors.

Once the final concept was chosen the different departments delved deeper into their respective analysis to
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better characterize the design. The driving department was the Aerodynamics department where the blade and
the wings were designed and the total vehicle drag was characterized. In the blade design a twist of −5◦ was
selected with different airfoils across the radius. Specifically for 0 < y/R < 0.55, 0.55 < y/R < 0.75,
0.75 < y/R < 0.85, 0.85 < y/R < 1, airfoils V 43012, SC1094 − R8, SC1095, OA206 were respectively
selected, generating a maximum thrust of 81.3 klbf (362 kN) in hover. The Wing design concluded with a
Prandtl Box wing designed to limit the surface area under the blade and the span of the vehicle while providing
a sufficient lifting surface to achieve equilibrium forward flight. The airfoils selected were NACA 652 − 415
for the wings, NACA 0012 for the tail surfaces, and NACA 0012 for the wing tip joining structures. The main
airfoil has a surface area of 631.4 ft2 (29.3m2) and an aspect ratio of 8.73 and a quarter-chord sweep of -30 ◦.
The drag coefficient of the entire vehicle was estimated to be CDmin = 0.0226.

Following on from the Aerodynamics, the Power and Propulsion department delved into the power curves, the
engine, and, fuel selection. For light the maximum required powers were determined as 16,110 hp (12,013 kW),
13,947 hp (10,400 kW), 18,345 hp (13,680 kW) for the hover, cruise, and max speed phases of the flight. Dual
turbo fans were selected as engines for the vehicle, each a scaled version of the Pratt WhitneyF135−PW−600
engine. The specific engine houses a drive shaft with a gear to translate the rotation 90 degrees for the main
rotor, the engine also bleeds off pressurized air fed from the bypass and directs it out nozzles placed on the tail
to control yaw in hover and counter the main rotor torque. From the power curves and engine selection, the
mass of the fuel was estimated at approximately 18,000 lbs (8,160 kg) and facilitates a maximum ferry range
of 2,700 mi (4,300 km).

The Structures and Materials department looked into the design of the main Rotor, wings, and fuselage. All
elements were sized for a peak load factor of 3.8 and a safety factor of 1.5. The main rotor included the hub
and blades, whose loads were characterized and analyzed. The hub is designed to withstand a load of 45 klbf
(200 kN), determined as the maximum load expected from the cyclic behavior of the rotors in flight. The
blades were analyzed in hover and found to require a minimum mass of 959 lbs (435 kg) per blade, in order
to achieve a coning angle of 0 = 5◦. For the wings, a detailed analysis of bending and torsion was performed
employing an idealized structure and the load distributions obtained from the wing geometry and aerodynamic
characteristics. Following the analysis, an optimization programwaswritten tominimize the amount of material,
and therefore the weight, required to sustain the loads present. The resulting trade-off lead to Aluminum 7075
as the structural material for all stiffeners, spars, and skin panels. The total cross-sectional area required to resist
the normal stresses induced by bending varied from 1400mm2 at the wing root to 200mm2 at the tip; leading
to a structural mass of 706 lbs (321 kg) for the bending mode. For torsion, the total weight required for the skin
and spar webs came out to be 658 lbs (299 kg). The total mass of all four wings was therefore 5456 lbs (2480
kg). The Fuselage was estimated to internally carry a load of 40 kft-lbs (54 kNm). There were also several
innovative mechanisms designed to facilitate the operational requirements of the vehicle. Finally, the estimated
total weight of the vehicle was determined as 63,200 lbf (28.6 tons) and an empty mass ratio of 0.59.

The final department was the control and stability department which delved into the static and dynamic stabil-
ity of the vehicle, sized the tail, and determined the controllers for stabilization. The main pitfall of having a
winged helicopter compound vehicle is that the placement of the wing and its influence on the center of gravity
has a negative effect on the stabilization of the helicopter at hover. In essence, what helps the fixed wing be
stable destabilizes the helicopter. For that reason, iterations on wing placement were the key aspect of defin-
ing static stability with traditional methods of tail sizing having to follow, rather than vice versa. Therefore
static stability was a true balancing act for the controls department. Using traditional stability and controllabil-
ity diagrams indicated that this balance would make dynamic stabilization challenging. In order to determine
the stability derivative for the linearized system for this novel configuration, there is no traditionally defined
method. Therefore a numerical method was developed in order to determine the stability derivatives in com-
pound configuration. Unsurprisingly the vehicle demonstrated negative dynamic stability which was beyond
the limits of the vehicle requirements for that reason active stabilization using a pith rate feedback loo[p with
effects on elevator deflection using a PD controller had to be implemented. In the end the vehicle was able to
demonstrate good stability characteristics and fulfill the stability requirements.

This resulted overall in a vehicle concept that on paper can achieve all the requirements set by the Vertical Flight
Society, though further analysis and optimization are required to bring this concept to the prototype phase.



Nomenclature
Abbreviations

Abbreviation Definition

BEM Blade Element Method ROC Rate of Climb
BROC Best Rate of Climb MIMO Multiple-input and Multiple-

output
CAD Computer-aided Design MMGW Mid Mission Gross Weight
CAGR Compound Annual Growth Rate MSL Mean Sea Level
CFD Computational Fluid Dynamics MTOM Maximum Take Off Mass
CG Center of Gravity MTOW Maximum Take Off Weight
CMF Controls Mixing Factor NA Non-applicable
CRUD Cumulative Result of Undesirable Drag NACA National Advisory Committee

for Aeronautics
DLR German Space Agency NASA National Aeronautics and Space

Administration
DOF Degree of Freedom NATO North Atlantic Treaty Organiza-

tion
EASA European Union Aviation Safety

Agency
OOS Out-of-scope

EMS Emergency Medical Service PD Proportional - Derivative
FAA Federal Aviation Administration PID Proportional - Integral - Deriva-

tive
FARA Future Attack Reconnaissance Aircraft RDT&E Research, Development, Testing

and Evaluation
FBD Free-body Diagram RFP Request For Proposal
FBS Functional Breakdown Structure ROA Radius of Action
FFD Functional Flow Diagram S.M. Stability Margin
FOD Foreign Object Debris SAF Sustainable Aviation Fuel
HS High-Speed SAR Search And Rescue
HIGE Hover In Ground Effect SFC Specific Fuel Consumption
HOGE Hover Out of Ground Effect SDGW Structural Design Gross Weight
HS-VTOL High-Speed Vertical Take Off and

Landing
SWOT Strengths, Weaknesses, Opportu-

nities, and Threats
ICAO International Civil Aviation Organiza-

tion
TOGW Take Off Gross Weight

ISA International Standard Atmosphere TRL Technology Readiness Level
LCN Load classification number VFS Vertical Flight Society
LQR Linear - Quadratic Regulator VRS Vortex Ring State
MCP Maximum Continuous Power VTOL Vertical Take Off and Landing
MCT Maximum Continuous Torque
MEP Mission Equipment Package
MEW Maximum Empty Weight
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Symbols
Symbol Definition Unit

AR Aspect ratio of main wing [-]
Ablade Blade surface area [ft²]
Adisk Rotor disk area [ft²]
Aeq Equivalent flat plate area [ft²]
Afuselage Fuselage cross-sectional area [ft²]
CF Control authority factor [-]
CD Drag coefficient of the wing [-]
CL Lift coefficient of the wing [-]
Cd Airfoil drag coefficient [-]
Cf Flat-plate skin-friction drag coefficient [-]
Cl Lift coefficient of the airfoil [-]
Clα Lift curve slope [1/rad]
Cm Moment coefficient [-]
CD0 Zero-lift drag coefficient [-]
CDi Induced drag coefficient [-]
CDp Profile drag coefficient [-]
CT Thrust coefficient [-]
Cfe Skin-friction drag coefficient [-]
Cint Internal fuel volume [gal]
D Drag [lbf ]
DL Disk loading [lbs/ft²]
Ds Diameter of landing gear strut [in]
FF Component form factor [-]
FM Figure of merit [-]
Fx Force in X axis [lbf ]
FMG Main gear force [lbf ]
FreqFlap Flap frequency of rotorblades [1/rev]
G Climb gradient [-]
Ib Blade moment of inertia [lbs · ft²]
Iy Mass moment of inertia about Y-axix [lbs · ft²]
Iidentifier Moment of inertia [lbf · ft · s²]
L Lift [lbf ]
M Mach number [-]
Mcr Critical Mach number [-]
Mdd Drag-divergence Mach number [-]
Pamax Maximum available power [hp]
Pr Required power [hp]
Pdslim Drive system limit power [hp]
Q Component inteference factor [-]
ROC Rate of climb [ft/min]
Re Reynolds number [-]
S Wing surface area [ft²]
Sidentifier Surface area of indicated variable [ft²]
Sref Wetted surface area of the wing [ft²]
Swet Wetted surface area of the aircraft [ft²]
T Thrust [lbf ]
V Velocity [kts]
Vh Horizontal velocity [ft/s]
VBR Best range velocity [kts]
VH Maximum velocity in level flight at maximum continuous power [kts]
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Symbol Definition Unit

VNE Never exceed velocity [kts]
VS Stall velocity [kts]
VY Best rate of climb velocity [kts]
Vcr Cruise velocity [kts]
Vindh Rotor induced flow velocity at hover [ft/s]
Vind Rotor induced flow velocity [ft/s]
Vtip Tip velocity of rotor [ft/s]
W Weight [lbf ]
a1 Angle between the tip path plane and the control plane [rad]
b Wingspan [ft]
c Chord length [ft]
e Spanwise efficiency factor [-]
fLGloc Modification factor for landing gear location [-]
fLGret Modification factor for landing gear retraction [-]
fQ Second rotor rated torque as fraction of total torque [-]
fTR Modification factor for tail rotor location [-]
fairind Air induction weight as fraction of engine weight [-]
fbt Ballistic tolerance factor for fuel tanks [-]
fcw Crashworthiness weight as fraction of fuselage weight [-]
fp Second rotor rated power as fraction of total torque [-]
framp Modification factor for ramp in fuselage [-]
ftilt Modification factor for rotating rotors [-]
hcg Height of center of gravity above ground [ft]
hw Height between wings [ft]
iidentifier Incidence of the surface [deg]
kdownload Download factor of rotor [-]
lfuselage Length of fuselage [ft]
lm distance of main gear to center of gravity [ft]
ln distance of nose gear to center of gravity [ft]
mIdentifier Mass of indicated variable [lbs]
n Load factor [-]
nblades Number of blades [-]
nidentifier Number of identified variable [-]
q pitch rate [rad/s]
r radius along the blade span [ft]
t Wing thickness [ft]
( tc)r Thickness to chord ratio at root [-]
u instantaneous velocity along theXB axis [ft/s]
ufuselage Upsweep angle of aft fuselage [rad]
w instantaneous velocity along the ZB axis [ft/s]
xhub length of driveshaft between rotors [ft]

∆Q Incremental Torque [lbf · ft]
Γ Vortex strength [ft²/s]
Λ Sweep angle [deg]
ΛLE Sweep angle at leading edge [deg]
Λc/4 Sweep angle at quarter-chord [deg]
Ω RPM of rotors [rpm]
ΩEngine RPM of engines [rpm]
αc angle of attack of the rotor control plane [rad]
δe Elevator angle [deg]
ηp Propeller efficiency [-]
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Symbol Definition Unit

ηs Shock absorber efficiency [-]
γ Lock Number [1/rad]
γmax Max climb angle [rad]
λ Taper ratio [-]
λc resultant velocity component normal to the control plane [-]
λi Non-dimensional induced velocity with omega*R [-]
µ advance ratio [-]
Vi Non-dimensional induced velocity with vindhov [-]
V non-dimensional combined velocity, non-dimensionalized with vindhov [-]
ϕ Inflow angle [deg]
ϕl Twist of the lower wing [deg]
ϕu Twist of the upper wing [deg]
ϕt Inflow angle at blade tip [deg]
ψ Azimuth of the blade along its rotation [deg]
ρ Air density [slugs/ft3]
σ Blade solidity [-]
σa Stress amplitude [PSI]
σz Normal Stress [PSI]
θ0 collective blade angle [rad]
θc cyclic angle [rad]
θf body pitch angle [rad]



Contents
Executive Overview i

Abbreviations iii

Symbols iv

1 Introduction 1

2 Project Objective 2
2.1 Project Statements . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 2
2.2 Mission Profile . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 2
2.3 Project Management . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 3

2.3.1 Organogram . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 3
2.3.2 Project Development Logic . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 3
2.3.3 Work Flow Diagram . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 4
2.3.4 Work Breakdown Structure . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 4
2.3.5 Gantt Chart . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 4

2.4 Design and Development Logic . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 4

3 Market Analysis 5
3.1 Industry Research . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 5

3.1.1 Global Market . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 5
3.1.2 Regional Market . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 5

3.2 Competition Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 6
3.2.1 Military Market . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 6
3.2.2 SAR/EMS Market . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 7
3.2.3 Civil Transport and Offshore Market . . . . . . . . . . . . . . . . . . . . . . . . . . . 8
3.2.4 Stakeholders . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 8

3.3 Market Capitalization . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 8
3.3.1 Cost Breakdown Structure . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 9
3.3.2 Resource Allocation and Budget Breakdown . . . . . . . . . . . . . . . . . . . . . . 10

3.4 SWOT Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 10

4 Requirements and Constraints 12
4.1 Stakeholder Requirements . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 12
4.2 Mission Requirements . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 12

5 Conceptual Design, Trade-Off 14
5.1 Conceptual Design Overview . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 14
5.2 Trade-off . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 15

5.2.1 Sensitivity Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 15
5.2.2 Final Concept . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 16

5.3 Sustainable Development Strategy . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 16
5.3.1 Environmental Sustainability . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 17
5.3.2 Social Sustainability . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 18
5.3.3 Economic Sustainability . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 18

6 Technical Risk Analysis 19
6.1 Identified Risks . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 19
6.2 Mitigation strategy . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 21

7 Design and Integration 24
7.1 Detailed Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 24

vii



Contents viii

7.2 Operation and Logistics Concept Description, Mission Analysis . . . . . . . . . . . . . . . . 25
7.3 Functional Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 26

7.3.1 Functional Flow Diagram . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 26
7.3.2 Functional Breakdown Structure . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 26

8 Aerodynamics 29
8.1 Rotary Wing Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 29

8.1.1 Preliminary Rotor Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 29
8.1.2 Blade Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 30
8.1.3 Noise . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 34

8.2 Fixed Wing Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 34
8.2.1 Preliminary Sizing and Estimation . . . . . . . . . . . . . . . . . . . . . . . . . . . . 35
8.2.2 Wing Configuration and Planform . . . . . . . . . . . . . . . . . . . . . . . . . . . . 36
8.2.3 Wing Airfoil Selection . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 37
8.2.4 Lift Estimation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 39
8.2.5 Drag Estimation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 46

8.3 Verification and Validation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 51
8.3.1 Verification . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 51
8.3.2 Validation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 51

9 Performance & Propulsion 54
9.1 Power Required . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 54

9.1.1 Rotor Power . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 54
9.1.2 Aircraft Power . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 57
9.1.3 Power for Compound concept . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 57

9.2 Engine Selection & Sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 59
9.2.1 Engine Selection . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 59
9.2.2 Performance Estimation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 60
9.2.3 Model Verification & Validation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 62
9.2.4 Engine Sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 63

9.3 Vehicle Power Distribution . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 65
9.4 Energy & Fuel Budget . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 66

9.4.1 Energy Budget . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 66
9.4.2 Fuel Mass . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 66
9.4.3 Fuel Selection . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 67

9.5 Performance . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 67
9.5.1 Helicopter Performance . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 67
9.5.2 Aircraft Performance . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 69

10 Structures & Materials 72
10.1 Flight load envelope . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 72
10.2 Landing gear design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 73

10.2.1 Landing Gear Configuration . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 73
10.2.2 Gear sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 74

10.3 Hub design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 75
10.3.1 Load determination . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 76
10.3.2 Material selection . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 77

10.4 Blade Analysis & Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 77
10.4.1 Blade Coning Angle . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 77
10.4.2 Blade Loads Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 78
10.4.3 Blade Material . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 80

10.5 Wing Box Analysis and Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 80
10.5.1 Analytical Load Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 80
10.5.2 Structural Idealization . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 82
10.5.3 Bending . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 83



Contents ix

10.5.4 Torsion . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 86
10.5.5 Material Trade Off . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 87

10.6 Fuselage . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 88
10.6.1 Bending loads . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 88
10.6.2 Internal Torque in Fuselage . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 90
10.6.3 Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 91

10.7 Mechanisms . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 92
10.7.1 Blades Retraction . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 92
10.7.2 Rotor Hub Lowering . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 92
10.7.3 Rotor Brake Design . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 93
10.7.4 Rotor Storage . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 94

10.8 Loading Diagram . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 96
10.9 Component and total weights . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 96
10.10Verification & Validation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 97

11 Control and Stability 99
11.1 Vehicle Description . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 99

11.1.1 Rotary Wing Flight . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 99
11.1.2 Fixed Wing Flight . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 99

11.2 Equations of Motion . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 99
11.3 Static Stability . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 101

11.3.1 Static Stability in Hover . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 101
11.3.2 Static Stability in Forward Flight . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 103
11.3.3 Vertical Tail Sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 106

11.4 Control Surface Sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 106
11.5 Dynamic Stability . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 107

11.5.1 Setup of the State-Space System . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 107
11.5.2 Representation of Aerodynamic Values in Terms of State and Control Variables . . . . 108
11.5.3 Fixed-Wing Dynamics . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 108
11.5.4 Rotary-Wing Dynamics . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 109
11.5.5 Vehicle Parameters and Assumptions . . . . . . . . . . . . . . . . . . . . . . . . . . 110
11.5.6 Numerical Determination of Stability Derivatives . . . . . . . . . . . . . . . . . . . . 111
11.5.7 Dynamic Stability Characteristics . . . . . . . . . . . . . . . . . . . . . . . . . . . . 113
11.5.8 Control Allocation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 115

11.6 Stabilization and Controllers . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 116
11.7 Verification and Validation . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 117

12 Final System Overview 118
12.1 Final Vehicle Overview . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 118

12.1.1 General Vehicle Overview . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 118
12.1.2 Internal configuration and layout . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 119

12.2 Performance Analysis . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 120
12.2.1 Payload & Range . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 120
12.2.2 Climb performance . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 120
12.2.3 Noise characteristics . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 121
12.2.4 Emissions . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 121

12.3 Compliance matrix . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 122

13 Conclusion and Recommendations 124

References 125

A Appendix 129



1
Introduction

The production of high-speed aircraft and vertical take-off and landing (VTOL) concepts have matured within
the aerospace sector for many decades. The birth of the jet-powered aircraft coincided with the birth of the
helicopter in September 1939. However, the thought of combining the two to create a high-speed VTOL vehicle
has recently just surfaced due to its inherently complex design. Aircraft such as the Harrier, the F-35, or even
the V-22 Osprey are all capable of performing VTOL operations in addition to forward flight. Nonetheless, they
have to sacrifice efficiencies in both vertical and forward flight in order to overcome the barrier of combining
high-speed forward flight with VTOL capabilities.

This report aims to generate a detailed conceptual design of a high-speed VTOL aircraft based on the require-
ments set out by the Vertical Flight Society’s (VFS) Request for Proposals for its 40th Annual Student Design
Competition[1]. This report is the last in a series of reports the team generated in order to arrive to a final detailed
design of the concept vehicle dubbed the XV-25 Griffin. The Project Plan focused on the project organization,
the Baseline report focused on generating high-level concepts after which a trade-0ff was performed and a final
concept was selected in the Midterm report. This progression leads us to the current report where a detailed
design of the different sub-systems found in the XV-25 Griffin was performed.

Chapter 2 covers the project management, design and development logic applied during the project as well as
provide more detail on the mission profile. This is then followed by the market analysis, cost breakdown and
resource allocation in chapter 3. Next, the technical risks and mitigation strategy are discussed in chapter 6, the
requirements and constraints as were given to and set by the team in chapter 4 and the conceptual design, trade-
off and sensitivity analysis in chapter 5. Furthermore the detailed description of the XV-25 Griffin’s design, the
operation and logistics description and functional analysis can be found in chapter 7.

After this, the design and analysis of the different department subsystems is performed. Concerning aerodynam-
ics, as discussed in chapter 8, both the helicopter blade and fixed-wing are designed followed by a discussion
about the aerodynamic and noise characteristics. This is followed by chapter 9, which elaborates on the power
requirements, engine sizing, fuel required and performance. chapter 10 explains the loads on the aircraft as well
as the required structural components and mechanisms. The final department discusses the control and stability
of the vehicle in chapter 11. Additionally, all the departments mentioned above each discuss the verification
and validation of the methods used. Finally, the report is concluded by the final system overview of the aircraft
in chapter 12, followed by the conclusion and future recommendations in chapter 13.

1



2
Project Objective

This chapter outlines the purpose, structure, and logic associated with the development of the XV-25 Griffin
Vehicle. The work done to date consists of a preliminary conceptual design of the vehicle with detailed analyses
of the key departments and components required to enable designing the vehicle.

2.1. Project Statements
To define the project from inception the mission need statement and project objective statements were defined
serving as the top-level objectives of the project and guide its development. These are as follows:

Mission Need Statement
Design a VTOL aircraft with high-speed, long-range, high altitude, efficient hover, and large payload

capabilities.

Project Objective Statement
Over 10 weeks, 10 students will develop a preliminary design of a large payload high-speed VTOL
aircraft with extreme range, altitude, and efficient hover capabilities to win the design competition by

the vertical flight society.

The aim of these statements and the project is to develop a vehicle capable of carrying out a specific mission.

2.2. Mission Profile
The mission presented to the group can be seen in Figure 2.1. The mission has various phases and each phase
has specific constraints attached from which design considerations stem.

Figure 2.1: Mission Profile [1]

The mission requires that the vehicle be able to facilitate 5000 lbs (2258 kg) and 1000 lbs (454 kg) of payload
and Mission Equipment Package (MEP) respectively, and 750 lbs (339 kg) allocated for three crew members.
The Radius of Action (ROA) of the aircraft shall be 500 nm (926 km) made up of 450 nm (833 km) at cruise
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2.3. Project Management 3

altitude (climb phase included) and the remaining 50 nm (96 km) at 2000 ft (609.6 m). The cruise speed of the
vehicle shall be greater than 450 kts (231.5 m/s).

2.3. Project Management
Before the team started on the design of the vehicle, a good project management plan had to be created to ensure
the team adheres to all the non-technical requirements including deadlines and deliverables. This was done with
the help of several different resources such as; an organogram, project development logic, workflow diagram,
work breakdown structure, and a gantt chart. These diagrams gave the team a better understanding of how and
when to prioritize different tasks throughout the course of the project cycle.

2.3.1. Organogram
As a first step, the team came up with roles and responsibilities for each individual team member. This was
communicated in a clear and concise way as to prevent any miscommunications throughout the development of
the project. A clear way of visually showing the team organization was created with the help of the organogram
seen in Figure 2.2.
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Figure 2.2: Organogram Visualizing the Team Organization.

2.3.2. Project Development Logic
The project has a given set of milestones for which deliverables were submitted. To ensure the deadlines were
met and satisfactory results had been achieved the organization and logic of the project had to be understood. For
this purpose, a project logic diagram was created giving an overview of the project flow and the main required
deliverables at different stages of the project.

Figure 2.3: Project Logic Diagram

This laid the framework for a workflow diagram to fill out all the tasks and their sequence that were required to
arrive at the deliverables for the milestones of the project. However, this project logic is only the highest level
of the project flow. There will be more tasks than those just strictly related to the items mentioned in Figure 2.3.
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Additionally, parts of the later phases were started before finishing all the tasks of the previous phases to ensure
all team members were productively working on a task and the deadlines were met.

2.3.3. Work Flow Diagram
To have a clear understanding of how to proceed with the project a clear and concise diagram visually describing
the expected flow of the project was required. This was done with a Work Flow diagram presented in Figure A
in Appendix A. This diagram guided the team throughout the whole project by providing a visual description of
when different tasks had to be completed as well as showing the interdependence between tasks which will give
the team a better understanding of which tasks can be done in parallel and which must be done sequentially.

2.3.4. Work Breakdown Structure
TheWork Breakdown Structure offers the team a more detailed view of the work to be performed. This contains
the activities outlined in theWork FlowDiagram. TheWorkBreakdown Structure diagram presented in FigureA
structures the specific tasks hierarchically and employs an ”AND” logic. The specific contents of each block
are referred to as Work Packages. Each work package allows the team to allocate tasks for members to work
through. The work packages are designed so that the global task is only completed when every work package
is concluded.

2.3.5. Gantt Chart
The Gantt chart is a visual tool that assists in project management and planning. The Gantt chart, presented in
Figure A in Appendix A, presents the work packages across the duration of the project. The tasks were given
start and end dates and fit into the duration of the project life, indicating the possible time for each work package
in order to arrive at a complete project. This chart acted as a living tool throughout the project, allowing the
team to track performance and maintain the schedule. As well as the time for each work package, the number
of individuals working on each work package was also incorporated. On top of indicating the effort allocated
to each work package the chart also allowed for efficient distribution of the team across the project, monitoring
the total input from each member.

2.4. Design and Development Logic
The Design and Development Logic diagram found in Appendix A showcases the flow of stages and milestones
between the end of this project and the vehicle in operation. There are various milestones the project needs to
meet to progress. Along the path, there are yes/no logic tests to determine success or failure and the ability to
progress or not. The main phases consist of concluding the detailed design followed by the development of the
prototype, this is preceded by the testing phases and only once this is complete can the vehicle be certified for
flight, finally the commercial phase will begin when the vehicle is certified.



3
Market Analysis

Understanding the development of different markets and establishing a base unit cost is crucial in developing
any engineering project, especially when it involves multiple stakeholders. A detailed market analysis can
provide the team with better insights and make it possible to prepare the product for the future market from the
development phase to the final stage. In this chapter, the economical aspect of the XV-25 Griffin as well as its
selling feasibility is thoroughly analyzed. The structure of this chapter is as follows:

3.1. Industry Research
A necessary measure before introducing a significant product like the XV-25 Griffin into the current market is
to examine whether such markets are active and in favor of an upward trend. Firstly, the global VTOL market
is analyzed in subsection 3.1.1. Secondly, the regional VTOL market is studied in subsection 3.1.2.

3.1.1. Global Market
In the past decade, VTOL vehicles have become more recognizable thanks to their unique characteristics and
increasing safeness. Even though the COVID-19 pandemic severely halted the aviation industry in 2020, the
market still quickly recovered afterward as shown in Figure 3.1. According to a report published by Fortune
Business Insights 1, the global helicopter market is estimated to grow from US$ 42.67 Billion in 2020 to US$
68.34 Billion by 2027which visualizes a stable CompoundAnnual Growth Rate (CAGR) of 6.24%. Considering
how fast the market has recovered after COVID-19, it is safe to conclude that the worldwide VTOL market
is stable and subjected to positive annual growth, which reveals the possibility for project XV-25 Griffin to
develop.
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Figure 3.1: Global Helicopter Market Growth from 2019 to 2029

3.1.2. Regional Market
When the market demonstrates promising signals, it is time to drill down to the regional level to obtain more un-
derstanding of the low-level market and uncover potential customers. As illustrated in Figure 3.2 and Figure 3.3,
North America has the highest possession in terms of units for both categories in consideration, commercial and
military. Accordingly, Europe andAsia-Pacific share the runner-up positions in both rankings, which is arguably
reasonable since developed countries in the two regions understand the importance of investing in helicopters
for multiple applications and long-term benefits. On another note, it is worth noticing that Russia & the CIS
region holds third place for military helicopters but is not among the top seventh commercial helicopter regions.

1https://www.statista.com/statistics/1117653/global-helicopter-market-size-end-use/ - 24/11/2022
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Therefore, if the team decides to commercialize the XV-25 Griffin, the market in Russia & the CIS region is
visibly not tempting. Nevertheless, considering the size and operational type of the perspective XV-25 Griffin,
the team tends to shift its attention to bigger regions of developed countries where the design can be used to its
full potential at different segments.
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Figure 3.2: Commercial Helicopter by Regions2
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Figure 3.3: Combat Helicopter by Regions3

3.2. Competition Analysis
Based on the key characteristics of the XV-25 Griffin, the team goes one step further by considering different
segments where it can become a competitive product. At first sight, the current market seems somewhat missing
a vehicle that holds essential features of VTOL vehicles - the ability to take off and land vertically and hover,
and aircraft - the large capacity with high cruise speed. Eagerly, the XV-25 Griffin aims to be the first to merge
the two ends of the aviation spectrum by designing a VTOL vehicle with a minimum cruise speed of 450 kts and
a large payload capacity of 5000 lbs. While the requirements and constraints are further analyzed in chapter 4,
how the XV-25 Griffin performs compared to its competitor in different segments is investigated in this section.

3.2.1. Military Market
Military operations often require aircraft capable of attaining high speeds and altitudes, carrying large payloads,
having a long range, and accessing remote locations. In times of global instability such as the current situation
with Russia and Ukraine, there is often an increased need for these types of capabilities, as military and humani-
tarian organizations may need to quickly respond to crises in remote or hard-to-reach locations. Currently, large
planes such as the Lockheed C-5 or Boeing C-17 are often used in addition to a second land vehicle, but an alter-
native approach is using heavy-lift helicopters like the Chinook CH-47 or Sikorsky CH-53. These helicopters
can access remote locations by themselves but are slower and lower-flying, making them more vulnerable to
surface-to-air missiles. As an alternative, tilt-rotor aircraft offer a compromise by combining the advantages of
both planes and helicopters. Daringly, the new XV-25 Griffin is designed to compete with and replace the V-22
Osprey and similar military aircraft as shown in Figure 3.6.
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Figure 3.4: Global Military Helicopter Market Growth from 2019
to 2027 4
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to 2030 5

2https://www.statista.com/statistics/778319/commercial-helicopters-fleet-size-region/ - 24/11/2022
3https://www.statista.com/statistics/1117595/global-combat-helicopter-fleet-region/ - 24/11/2022
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The global military helicopter market recorded in 2019 amounted to US$ 23.3 Billion. It is expected to grow up
to US$ 28.8 Billion by the end of 20276. Figure 3.4 also indicates a constant growth in the demand for military
helicopters in the future. Similarly, the military transport aircraft market shows an increase in demand as the
market grows from US$ 16 Billion in 2022 to US$ 45 Billion by 20307. Figure 3.5 shows a 4.8 percent growth
in the market from 2022 until 2030.

The tilt-rotor aircraft market deserves special attention since the XV-25 Griffin is directly competing with the
V-22 Osprey. The market itself is much smaller than that of conventional aircraft and helicopters due to its
newer technology and North America is the largest market for tilt-rotor aircraft, with a global revenue of US$
986.1 Million in 2020. It is the fastest-growing market among aircraft and helicopters and is expected to have
a CAGR of 7.47% during 2020-20288. The military is also showing interest by organizing competitions like
FARA (Future Attack Reconnaissance Aircraft) which highlights the future demand for tilt-rotor aircraft.
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Figure 3.6: Cruising Speed of Fastest Military Helicopters vs. XV-25 Griffin. 9

3.2.2. SAR/EMS Market
While the XV-25 Griffin is originally designed to satisfy military operational conditions, the team realizes the
potential of introducing the design into different markets, namely the Search And Rescue (SAR) and the Emer-
gency Medical Service (EMS). In 2021, the SAR market value is estimated at US$ 1.91 Billion 10 while the
EMS market size is valued at US$ 4.89 Billion 11; both markets are anticipated to have a stable positive growth
rate of 4.1% and 8.56%, respectively. SAR operations aim to prepare for emergency situations, and quickly
search for and provide support to people who are in distress or danger. Common circumstances requiring SAR
can be disasters, mountain rescues, combat rescues, air-sea rescues, or accidents. On the other hand, EMS oper-
ations are meant to provide medical support where land-based assistance would take too long to arrive. While
serving different purposes, the two operations require almost the same characteristics from the vehicle: safe,
quick, efficient, hovering ability, and payload capacity. The critical requirements quickly eliminate aircraft in
the competition since they cannot hover and strictly require airdromes to properly function.

The main competitor of the XV-25 in this market can be the Leonardo AW101 - notably used by the British
Royal Navy as a rescue vehicle, the Sikorsky S-92 which is preferred by the South Korean Coast Guard, or the
Airbus H225 which is currently in use by the State Emergency Service of Ukraine. With Table 3.1 summarizing
the key characteristics of the XV-25 Griffin and its competitors in the SAR/EMS market, it can clearly be seen

4https://www.statista.com/statistics/1117792/global-military-helicopter-market-size/ - 2/12/2022
5https://www.alliedmarketresearch.com/defense-transport-aircraft-market-A13461 - 2/12/2022
6https://www.statista.com/statistics/1117792/global-military-helicopter-market-size/ - 20/01/2023
7https://www.einnews.com/pr_news/601547139/ - 20/01/2023
8https://www.researchandmarkets.com/reports/5354374/ - 22/11/2022
9https://www.statista.com/statistics/614301/cruising-speed-of-fastest-military-helicopters/ - 24/11/2022
10https://www.grandviewresearch.com/industry-analysis/search-rescue-helicopter-market-report - 24/11/2022
11https://www.fortunebusinessinsights.com/homeland-security-and-emergency-management-market-102743 - 24/11/2022
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that the XV-25 Griffin significantly outperforms its contestants in terms of cruise speed (averagely three times
higher).

Table 3.1: Comparison between XV-25 Griffin and Its Competitors on the SAR/EMS Market

Model Manufacturer MTOW Payload Capacity Flight Ceiling Cruise Speed Range
Units - lbs (kg) lbs (kg) ft (m) kts (m/s) nm (km)

XV-25 Griffin TBD 62,361 (28,286) 6,000 (2,722) 20,000+ (6,096+) 450+ (231+) 1000 (1,852)
AW101 Leonardo 32,187 (14,600) 6,724 (3,050) 15,000 (4,572) 150 (77.2) 466 (863)
S-92 Sikorsky 26,500 (12,020) 7,417 (3,364) 14,000 (4,267) 151 (77.7) 547 (1,013)
H225 Airbus 24,692 (11,200) 11,907 (5,400) 19,400 (5,913) 141 (72.5) 454 (841)

3.2.3. Civil Transport and Offshore Market
Other than the previously mentioned markets, the team does not exclude the possibility of using the XV-25
Griffin as an offshore or civil transport vehicle. International organizations and companies like the WHO, UN,
Airbus, Antonov, and UPS use large aircraft for the transportation of goods12. However, these operations require
a good level of infrastructure, including an airstrip for take-off and landing. Project Griffin aims to overcome
these difficulties and restrictions by utilizing VTOL while carrying a significant payload at a speed of 450 kts.

Recent years also demonstrate high demands and reveal certain opportunities for the XV-25 Griffin with respect
to the offshore market. While the oil and natural gas industries become less tempting, new possibilities are
opening up in the market, for instance, the wind energy market or the aquaculture market. Approximately
6000 wind turbines have been installed offshore over the period from 2018 to 2022 13. The XV-25 Griffin can
help with accelerating the installation process and promoting clean energy production and usage. The growing
aquaculture market also presents a potential opportunity for the XV-25 Griffin as it may be used to transport
equipment and large amounts of food products quickly. The demand for aquatic food production is also expected
to increase by 15% by 2030 giving more reason14.

3.2.4. Stakeholders
Obviously, introducing the XV-25 Griffin to the market involves different stakeholders. With the major seg-
ments have been scrutinized, it is predicted to have the following stakeholders:

• Government: the government publishes the regulation and certification that the XV-25 Griffin has to
satisfy in order to come to the manufacturing stage and operation.

• Military: the military is the key focus and biggest potential customer of the XV-25 Griffin.
• Air ambulance service providers: air ambulance service providers (both public and private) are potential
customers of the XV-25 Griffin.

• Organizations (UN, UNICEF, WHO): potential customers of the XV-25 Griffin.
• Manufacturers/Competitors/Investors (Sikorsky, Leonardo, Bell, Boeing): XV-25 Griffin would directly
compete with current manufacturers and affect their market shares or become a part of their existing
ecosystem.

• Suppliers and maintenance: XV-25 Griffin would require a tailor-made supply chain and maintenance
services for different subsystems: interior, power, aerodynamic, etc.

• Pilots: they are required to operate the aircraft.

3.3. Market Capitalization
When the markets, as well as the stakeholders, have been identified, the team can perform a unit cost estimation
to predict a potential future market capitalization. The unit cost per each XV-25 Griffin is based on the cost of its
subsystemwhich is reported in subsection 3.3.1. After finishing the evaluation, the team look at different param-
eters that could grow during the development phase and set an upper limit for them so as to prevent a so-called

12https://www.unicef.org/supply/stories/ -24/11/2022
13https://www.helicopterinvestor.com/articles/offshore-opportunities-739/ - 02/12/2022
14https://www.fao.org/state-of-fisheries-aquaculture - 02/12/2022



3.3. Market Capitalization 9

snowball effect from happening. The resource allocation/budget breakdown is explained in subsection 3.3.2.

3.3.1. Cost Breakdown Structure
In order to get an estimate of the unit price for the XV-25 Griffin, a cost estimation was done for all the subsys-
tems of the aircraft with the help of a Ph.D. thesis by Johnny J. Gilliland from Denton, Texas [2]. The study
presented multiple equations to estimate the subsystem weights of a compound helicopter and analyzed them
to arrive at the most accurate equations for different subsystems. Each subsystem consisted of multiple parts as
listed below:

• Airframe Cost: forward fuselage, mid-fuselage, wings, tail boom, and horizontal & vertical fin assembly.
• Rotor Cost: blades, hub, and rotating controls.
• Drive Cost: main transmission gearbox, drive shafts.
• Propulsion Cost: engines, engine mounts, air management, firewalls, fuel system.
• Electrical Cost: electrical equipment, wiring, instruments, and navigation equipment.

Since the cost estimation was done for the year 1978, an inflation factor was applied to find the costs for 202315.
Furthermore, for the propulsion subsystem, the F-35 engines were used as a starting point with a cost of US$
15.4 million per engine16. The cost was then linearly scaled down with the maximum thrust of the engine to
arrive at the cost for Griffin engines.

Table 3.2: Cost Breakdown Structure per Subsystem Adjusted for Inflation

Airframe Rotor Propulsion Electrical Drive Total US $
US $

21,226,100 9,114,430 18,000,200 1,677,686 1,033,113 51,051,529

Similarly, another study was conducted by the Institute for Defence Analysis, USA in 1984 to estimate the
cost of Soviet aircraft [3]. The flyaway cost (FLY) of a rotary-wing aircraft is heavily dependent on the shaft
horsepower (SHP) of the rotor and can be estimated using Equation 3.1. This includes the production and
tooling cost only and the shaft horsepower is estimated using the torque and the rotational speed of the rotor in
Equation 3.2.

FLY = 2.6 · 10−3 · SHP 0.93 (3.1) SHP = Torquemax · Ω (3.2)

This gives a flyaway cost of US$ 18.57 million for 1985. When adjusted with inflation for the year 2023, the
unit cost comes up to US$ 50.5 million which lines up with the previously estimated sum of subsystem costs. In
addition to the flyaway cost, an estimate for the research, development, testing, and evaluation (RDT&E) cost
was also done with Equation 3.3 where ATK = 1 for attack helicopter; 0 elsewhere and MOD = 1 for helicopter
modification; 0 elsewhere. So the ATK and MOD are set to zero for XV-25 Griffin since it’s neither an attack
helicopter nor does it have any modifications. This yields an RDT&E cost of US$ 2.66 billion for the year 1985,
which when adjusted with the inflation factor for 2023 results in an RDT&E cost of US$ 7.23 billion.

RDT&Ecost = 3.34 · SHP 0.7 · 2ATK · 0.16MOD (3.3)

Even though the unit cost of the XV-25 Griffin is around US$ 51 million, a profit margin of 13.1% is applied
much like the Bell helicopters17. This results in the sale price of one unit being around US$ 57.7 million. The
combined market value for tilt-rotor aircraft, military helicopters, and military transport aircraft in 2020 was
US$ 40.9 billion, and with a production of 12 machines per year, the team expects US$ 700 million in sales.
This allows the team to capture at least 1.7% of the military market shares.

15https://www.usinflationcalculator.com/ - 24/01/2023
16https://www.defensenews.com/air/2022/06/15/pratt-whitney-wins-44b-contract-for-f-35-engines/ - 24/01/2023
17https://www.statista.com/statistics/609756/ - 24/11/2022
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3.3.2. Resource Allocation and Budget Breakdown
Obviously, the unit cost has a strong correlation with the size and technology the aircraft is equipped with. There-
fore, without pre-set limitations during early design phases, the cost of the project could increase and deviate
significantly compared to the early estimations. For that reason, the technical budget of the most important
resources is established as follows:

• Mass: The aircraft mass inarguably plays a critical role in the whole designing process as it provides input
to all other subsystems [4]. If the mass of the XV-25 Griffin increases beyond the allowable budget, it
could trigger an accelerating growth of magnitude in everything. As one of the requirements provided
by the VFS already includes a structural contingency factor of 5% (see REQ-STK-SIK-10 in chapter 4),
only 5% will be added to the mass budget margin. This is due to the fact that at later designing phases,
weight estimations can make use of more accurate and detailed methods, which typically results in less
weight.

• Power: To simplify the budget allocation process, power-related performance indicators such as range
or endurance are considered together. Exceeding the power budget could lead to a heavier engine or an
issue of over-designing a subsystem. Similar to weight, as the power section itself (see chapter 9) already
included safety factors where applicable for the calculations, only 10% will be added to its budget. The
reason for a higher margin value compared to mass is that numerical calculation usually underestimates
the actual frictions or the engines could produce less power than the provided specifications. It is also
due to the fact that multiple subsystems are exploiting the available power; thus, a higher margin to make
sure separated changes is taken into account.

• Cost: Cost is also an important factor in deciding the financial success of the project and determining
the possible life of the project. While little information can be found regarding cost estimation for the
specific case of the XV-25 Griffin, because it is supposed to compete directly with the V-22 Osprey, the
team decides to place the cap based on the price of the V-22 Osprey (72 mil. U.S. dollars) with a margin
of 5%. If the unit cost of the XV-25 Griffin exceeds this margin, even with better performance, it would
be difficult to introduce the product into the market.

3.4. SWOT Analysis
As a final remark, the team performs a SWOT analysis to identify different factors from both the external
environment - the market, and the internal environment - the team, which can both affect the outcome of the
project. As shown in Figure 3.7, the opportunities, threats, strengths, and weaknesses are visualized to assist
the team in further advancing the project.
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Figure 3.7: SWOT Analysis of Project XV-25 Griffin



4
Requirements and Constraints

This chapter details the requirements and constraints that were established at the start of development. Based
on the requirements from the project’s different stakeholders as well as the required mission profile, the set
of constraints and technical system requirements was derived using a requirements discovery tree as detailed
in the Baseline Report [5]. The stakeholder and mission requirements are listed in Table 4.1 and Table 4.2,
respectively. The full list of system requirements is omitted here for brevity but can be found in the Baseline
Report.

4.1. Stakeholder Requirements
The stakeholder requirements (STK) showcase the higher-level requirements set by the different stakeholders
of the design. These requirements define the global capability of the design to be delivered. The different
stakeholders that were identified are: Sikorsky Aircraft (SIK) [1], the military (MIL), the EASA Certification
Body (EASA) [6], the Federal Aviation Administration (FAA) [7] and the Technical University of Delft (TUD).

Table 4.1: Stakeholder Requirements

ID Requirement
REQ-STK-SIK-1 The aircraft shall be able to perform the mission as stated in the mission requirements.
REQ-STK-SIK-2 The aircraft shall minimize the effect of the downwash environment on ground person-

nel.
REQ-STK-SIK-3 The aircraft shall minimize the susceptibility of the propulsion system to foreign object

debris.
REQ-STK-SIK-4 The aircraft shall use no more than 100%MCP or 100%MCT from the primary propul-

sion system at SDGW.
REQ-STK-SIK-5 The aircraft shall be able to transition from cruise to hovering in flight.
REQ-STK-SIK-6 The landing gear shall be designed for a sink rate of 10 f/s (3.0 m/s) with 2

3 rotor lift.
REQ-STK-SIK-7 The aircraft shall accommodate a 3-man crew at 250 lb (113 kg) each.
REQ-STK-SIK-8 The aircraft shall carry a payload of 5000 lb (2258 kg).
REQ-STK-SIK-9 The aircraft shall carry a mission equipment package of 1000 lb (454 kg).
REQ-STK-SIK-10 The aircraft weight shall include a 5% contingency margin.
REQ-STK-SIK-11 The airframe limit load factor shall be 3.5g at SDGW.
REQ-STK-MIL-12 The aircraft shall be able to operate in a military environment.
REQ-STK-EASA-13 The aircraft shall adhere to certification standards as outlined in CS-29.
REQ-STK-FAA-14 The aircraft shall adhere to certification standards as outlined in 14 CFR Part 25.
REQ-STK-TUD-15 The preliminary design of the aircraft shall be delivered by the 25th of January 2023.

4.2. Mission Requirements
The mission requirements (MSN) outline the different phases of the mission that the design shall adhere to.
These stem from the Sikorsky stakeholder and are linked to REQ-STK-SIK-1 directly.

12
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Figure 4.1: Mission Profile [1]

Table 4.2: Stakeholder Requirements

ID Requirement
REQ-MSN-1 The aircraft takeoff condition shall be 2000 ft (609.6 m) pressure altitude and 85◦F

(24◦C) air temperature.
REQ-MSN-2 The aircraft shall perform an idle for 10 min after ignition.
REQ-MSN-3 The aircraft shall perform a 2-minute hover in ground effect.
→ REQ-MSN-3-1 The engine power shall be no greater than 90% Maximum Rated Power at hover

conditions.
→ REQ-MSN-3-2 Motor and gearbox torque shall be no greater than 100% continuous transmission

torque at hover conditions.
REQ-MSN-4 The aircraft shall cruise 450 nm (833 km/h).
→ REQ-MSN-4-1 The cruise climb at best climb speed shall be included in the aircraft cruise range.
→ REQ-MSN-4-2 The aircraft shall cruise at an altitude of no less than 20.000 ft (6093 m).
REQ-MSN-5 The aircraft shall perform a vertical descent from cruise conditions to 2000 ft (610 m)

MSL 85◦F (24◦C).
REQ-MSN-6 The aircraft shall cruise with full power or torque at 2000 ft (609.6 m).
REQ-MSN-7 The aircraft shall hover out of ground effect at MMGW.
REQ-MSN-8 The aircraft shall perform a 2 min landing at MMGW.
REQ-MSN-9 The mission profile shall be repeated in reverse order.
REQ-MSN-10 The energy reserves shall be 20 min at VBR and 2k/85◦F.



5
Conceptual Design, Trade-Off

In this chapter, an overview of the whole conceptual design process is presented. As a first step, a design option
tree was generated [4] which was used to generate 3 different concepts that meet the requirements outlined in
chapter 4. After this, a preliminary analysis was performed for each concept whose outcome was then used to
trade off the three concepts to arrive at a final concept the team thought was the best given the required mission.
Finally, a sustainable development strategy is presented to ensure both the design process as well as the vehicle
itself adhere to the sustainability requirements.

5.1. Conceptual Design Overview
The first step in realizing three concepts that could fit the mission requirements was to generate a design option
tree where all possible options for our vehicle were collected. Once the tree was generated, the team went over
all the presented options and eliminated options that were either unrealistic or would prevent the vehicle from
meeting the key requirements. The complete tree can be found in the Midterm report[4].

As a next step, the team generated three preliminary concepts with the help of the design option tree. The three
selected concepts are shown in Figure 5.1. The fan-in-wing concept is shown on the left. It features a blended
wing body with a single central ducted fan-in-wing for hover. During high-speed forward flight, the rotor is
covered and thrust is provided by jet engines located on top of the body. Winglets are located at the wing ends
for directional stability during forward flight. For torque control during hover, either a coaxial rotor system can
be used or the winglets can be outfitted with ducted vertical fans. The cargo bay is located forward of the fan
and placed at an angle of 90◦ to the longitudinal axis, it can be accessed from the side of the aircraft.

(a) Fan-in-Wing Concept

(b) Tilt-Rotor Concept

(c) Compound Concept

Figure 5.1: Top View Sketches of the Selected Concepts

The second concept, shown in the middle, is a dual tilt-rotor aircraft. The rotors have variable-diameter to allow
for low disk loading during hover as well as high propulsive efficiency in forward flight. The wings are swept
forward to achieve the required transonic performance while also leaving space for the rotors. Because the
rotors are counter-rotating, no additional torque control is needed. The concept has a V-tail configuration.

The third concept is a compound aircraft. The main rotor is used for vertical flight while dedicated propeller

14
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engines located at the wingtips provide horizontal thrust during forward flight. The propellers also use differen-
tial thrust for torque control during hover. It features a closed-wing design for greater aerodynamic efficiency,
a stronger structure, and less aerodynamic interference between the rotor and wings although interference be-
tween the wings themselves could become an issue. The tail only has horizontal surfaces, as yaw stability is
provided by the vertical components of the wings. During the high-speed flight, the rotor is stowed away in the
fuselage and wings to improve the drag coefficient of the aircraft. Variable blade length technologies might be
used to reduce the rotor diameter during the cruise, making it easier to store.

5.2. Trade-off
After having generated three concepts, a trade-off was performed using some preliminary analysis results to
drill down to a final concept. To ensure the best design was selected, each concept was scored on a number
of weighted criteria to obtain a numerical score that could be used to compare the different concepts. Five
criteria were defined on which the concepts were scored. The criteria are ”Power”, ”Structures”, ”Control”,
”Operations”, and ”Risk”. Under each criterion, multiple aspects were considered which are shown in Figure 5.1.
The detailed justification for the selected categories along with their respective weights chosen for the final
trade-off can be found in [4].

Table 5.1: Trade-off Criteria and Associated Weights

Efficiency in Cruise Mechanical Complexity Control Redundancy Noise Gliding Capabilities
Efficiency in Hover Structural Complexity Ease of Transition Downwash Autorotation Capabilities
Maximum Power Weight Control in Cruise Footprint Technology Readiness Level

Energy Budget Dimensions Control in Hover Operation Safety System Redundancy

Power Structures Control Operations Risk
4.0 2.3 2.4 3.0 2.1

For each criterion, the most important values or aspects for that score are stated, which result in the scores
represented by the colors of that box where boxes colored in blue represent an excellent score, grey represents a
good score, yellow represents a poor score and red represents an unacceptable score. This resulted in the scores
stated in the final column of the trade-off table. Both the compound and tilt-rotor concepts did not have any
unacceptable scores meaning that both concepts could be taken into a more detailed design. The final concept
chosen by the team was the compound concept due to it having a slightly higher total score when compared to
the tilt-rotor.

Table 5.2: Trade Off Results

Concept Score
3 Grey 1 Red 1 Red 1 Red 4 Blue

4 Blue 4 Blue 2 Yellow 3 Grey 2 Yellow

2 Yellow 3 Grey 4 Blue 5 Green 3 Grey

Weight

Compound 6.22MEW: 40.7k lbs,                            
Structure: Well understood

Hover: Efficient,                   
Transition: Simple

Downwash: Small                   
Footprint: Acceptable

Gliding: Good              
Autorotation: 

Difficult

Tilt Rotor 5.22Hover: 8MW,                                       
Cruise 11MW

MEW: 28k lbs,                              
Structure: Well Understood

Hover: Demonstrated,                   
Transition: 

Demonstrated

Downwash: Medium                   
Footprint: Excellent

Gliding: Possible              
Autorotation: 

Unfeasable

Hover: 10MW,                                        
Cruise 14MW

Hover: 13MW,                                                  
Cruise 6.5MW

MEW: 48k lbs,                              
Structure: Challenging

Hover: Challenging,                   
Transition: Challenging

Downwash: Large                   
Footprint: Unacceptable

2.2

Power

4.4 3.8

Sructures Control

3.1

Operations

3.2

Risk

Gliding: Good              
Autorotation: 

Good

4.22Fan In Wing

5.2.1. Sensitivity Analysis
To confirm the findings and ensure there is no sensitivity to any specific parameter chosen a sensitivity analysis
was performed. The sensitivity analysis will change the weighting of the different criteria to find out the changes
in the trade-off results as a consequence. As the weighting of the criteria can never be completely objective
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and subjective opinions will thus influence the weight determination process, this sensitivity analysis allows
engineers to check their biases. If the sensitivity analysis shows that the winner of the trade-off will also win
in cases where the weights have changed it shows that the concept and trade-off are robust and a good choice.
However, if it is discovered that the winning concept in the original trade-off seldom achieves an acceptable
score the process should be reconsidered.

In this case, The trade-off was manipulated by changing the weights of the different sections. Each weight was
changed from 1 through to 5 at intervals of 0.5. Each concept received a new score while the other categories
maintained their weights. In Figure 5.2 the results of the sensitivity are illustrated. The results show the variance
of the total score for each concept as the weights per category are changed from 1 through 5.

Figure 5.2: Sensitivity Analysis

As seen in Figure 5.2 the Compound concept repeatedly held the higher mean, however, the standard deviation
was the largest. This stems from the variance in Control and operations suggesting these weights had the largest
effect on the Compound result. Conversely, the Structure and Power had the largest influence on the Tilt Rotor
concept and the Power and Risk on the Fan in Wing.

5.2.2. Final Concept
From the trade-off, the final selection is the compound aircraft. The concept employs a box wing, the main
rotor to generate vertical lift, and two wing-mounted engines for forward flight. This is illustrated in Figure 5.3.
In order to facilitate the high velocities of cruise, the main rotor will be designed such that it can both vary its
radius as well as lower vertically, these capabilities will allow it to be stowed away for the cruise portion of the
mission. Thus the vehicle will utilize the main rotor for hover and vertical take-off and landing while using the
box wings for the cruise. In transition, the main rotor will be stopped once the wings are carrying the weight,
retract to decrease their diameter, and then lower into the body.

It must be noted that the final concept selected in the Midterm report [4] has been slightly modified. Namely,
the turboprops on the wings were switched to turbofan engines which will be placed at the back of the fuselage.
In addition, the wings were changed to rectangular wings instead of triangular wings. Justifications for these
changes can be found in chapter 9 and chapter 8, respectively.

5.3. Sustainable Development Strategy
As the concept was finalized, a plan for the long-term development of the project had to be considered, of which
the sustainability aspect can not be disregarded. In principle, a sustainable project oversees the long-term vision
and is a considerable task to guarantee stakeholders’ requirements. For project XV-25 Griffin, several critical
parameters are considered as suggested by Chawla et. al [8]: profitability, safety, transparency, ethicality, nature-
friendly, and social acceptability. The parameters are grouped into three pillars and investigated separately:
environmental in subsection 5.3.1, social in subsection 5.3.2, and economic in subsection 5.3.3.
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Figure 5.3: Visualized Final Concept

5.3.1. Environmental Sustainability
It is undeniable that climate change is increasingly prominent and becoming a true crisis of the century. Accord-
ing to a report published by the ICAO [9], traffic growth is expected in all sectors and international aviation
can grow up to 280% by 2050. Consequently, it will have an important impact on the overall emission of CO2,
NOx, etc. Noticeably, the ICAO also creates several theoretical scenarios which assume different technology
developments and none of them are able to help with achieving net-zero emissions by 2050.

To combat climate change and its impacts, in the 26th United Nations Climate Change (COP26) conference
in Glasgow, 153 countries put forward new 2030 emissions targets and aim to achieve net-zero emissions by
2050 1. To accomplish that, the military is no exception to new regulations as they typically account for a large
proportion of governments’ emissions. Among developed countries, the UK was the first to take action on its
military sectors by applying sustainable fuel to its fighter jets 2.

The new regulations could pose several challenges to project XV-25 Griffin since it requires a large amount of
power (as elaborated in chapter 9) to properly execute the mission profile. Although the current Technology
Readiness Level (TRL) may prevent immediate changes from taking place, the team still considers multiple
actions that could make XV-25 Griffin as sustainable as possible by the time it will be introduced to the market
in 2035. The following methods are considered by the team:

• Deploying Sustainable Aviation Fuel (SAF): SAF can be made from agricultural waste, cooking oil, or
carbon captured from the air. As previously mentioned, by substituting 30% of conventional fuel with
SAF, the UK government expects a CO2 emission reduction by 18% 2. When SAF becomes widely
available and applicable, the team will test its compatibility with the XV-25 Griffin.

• Electrification and hybridization: Airbus proposes combining a conventional thermal engine with an
electric propulsion system to optimize energy consumption and reduce unwanted emissions 3. The team
does not exclude the possibility of hybridizing the XV-25 Griffin if it can deliver the amount of needed
power sufficiently.

• Hydrogen: Airbus also reveals a project to develop a hydrogen-powered zero-emission engine with an
operational range of 1000 nautical miles which matches the XV-25 Griffin’s requirement 4. The team
strictly follows the status of such projects and considers if changes can be applied to the XV-25 Griffin
before its production phase.

In terms of TRL and application, SAF seems to be the most viable solution that can be integrated into the
XV-25 Griffin to achieve the sustainable goal. This will be re-iterate after the subsystems’ analyses have been

1https://ukcop26.org/wp-content/uploads/2021/11/COP26-Presidency-Outcomes-The-Climate-Pact.pdf -
14/12/2022

2 https://www.gov.uk/government/news/sustainable-fuels-to-power-raf-jets - 14/12/2022
3https://www.airbus.com/en/sustainability/respecting-the-planet/decarbonisation/

decarbonising-helicopters - 14/12/2022
4https://www.airbus.com/en/innovation/zero-emission/hydrogen/zeroe - 14/12/2022

https://ukcop26.org/wp-content/uploads/2021/11/COP26-Presidency-Outcomes-The-Climate-Pact.pdf
https://www.gov.uk/government/news/sustainable-fuels-to-power-raf-jets
https://www.airbus.com/en/sustainability/respecting-the-planet/decarbonisation/decarbonising-helicopters
https://www.airbus.com/en/sustainability/respecting-the-planet/decarbonisation/decarbonising-helicopters
https://www.airbus.com/en/innovation/zero-emission/hydrogen/zeroe
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performed, together with other vehicle environmental characteristics like noise and emission in chapter 12.

5.3.2. Social Sustainability
Social sustainability relates to the lives around the project, spanning through different phases like the develop-
ment, manufacturing, or operation of the XV-25 Griffin. Each phase will have unique aspects about it that will
impact different groups in society. The goal of social sustainability is to establish a balance boundary between
the community surrounding the vehicle and the growth of the project.

• During manufacturing, it is important to look at the material sources and suitable locations where work-
ers’ rights are guaranteed whilst keeping the cost at an optimal range. It is also worth mentioning that the
XV-25 Griffin is meant to be a military vehicle, which indicates globalization and spreading the supply
chain to developing regions is not viable. Consulting the Global Rights Index given by the International
Labour Organization 5, European countries like France, Italy, Portugal, Spain, or Poland are good can-
didates since the workers’ rights are respected and they are part of the NATO Alliance. Localizing the
manufacturing process within the European Union also offers multiple benefits: the quality of the mate-
rials, the consistency of the product, and in case of prolonged conflicts, it poses less vulnerability to the
whole process.

• During operation, the influence of the XV-25 Griffin depends heavily on the exact customer or mission
which is yet to be finalized at this stage of the project. However, as indicated in section 3.2, the SAR/EMS
and Offshore applications seem to improve the quality of lives around the XV-25 Griffin. Another con-
sideration is the noise created which is computed in subsection 8.1.3 and in case of exceeding the EASA
limit, solutions are proposed in subsection 12.2.3. One final concern is the disposal of the system at the
end of its life cycle. To avoid pollution, the team’s objective is to recycle the retired vehicles as much as
possible. According to a study conducted by Zhao et al. [10], the majority (800 - 1000 components) of
retired vehicles can be repurposed through recycling, especially parts made with alloys like aluminum or
titanium, or composites like carbon fibers. Additionally, other functional parts like landing gears or flaps
can also be sold secondhand.

5.3.3. Economic Sustainability
In the first place, the market analysis created in chapter 3 indicates a high probability of earning profit from the
XV-25 Griffin with annual revenue of approximately US$ 700 million. Noticeably, the current revenue is only
based on the military market and there are other markets that with simple modifications, the XV-25 Griffin can
soon become a competitor. Therefore, sustaining the project and examining the economic sustainability aspect
is one of the priorities of the team. To achieve the long-term goal, the product should promote the economy
surrounding it. In the case of the XV-25 Griffin, with the initial plan of centering the supply chain within Europe,
it is expected to elevate the regional economy by creating jobs and manufacturing based on regional products.

In addition, the request for proposal, provided for a military customer by the VFS allows the assumption that the
military will obtain a large amount of this type of aircraft [1]. This can draw the positive attention of the public
and create a good effect when introducing the very first HS-VTOL vehicle into the market; thus, generating
future funding for research, and possibly increasing the gross domestic product of every country joining the
program.

5https://www.ilo.org/global/docs/WCMS_851377/lang--en/index.htm - 24/1/2023

https://www.ilo.org/global/docs/WCMS_851377/lang--en/index.htm


6
Technical Risk Analysis

Any development of an engineering project will contain parts that are uncertain and could impact the operation
of the resulting system. To deliver a successful final result, these uncertainties and risks need to be identified
at an early stage and tracked during the entirety of the project’s duration. The identified risks are presented
in section 6.1. Following the identification mitigation strategies need to be worked out to reduce either the
likelihood, the impact, or both of each risk. This tracking and managing of risks ensure that the project’s
completion has the highest probability of success possible.

6.1. Identified Risks
The risks for the aircraft are identified using a unique ID to be able to track them across time. Furthermore,
each risk is assigned a probability that describes how likely it is that the event described by that risk occurs.
The impact of each risk is described by the impact rating of each risk and specifies what the consequence of the
event identified by each risk would have. These two parameters are each given on a scale from 1-5 as specified
in Table 6.1 and Table 6.2.

Table 6.1: Risk Probability Scale

Score Description
1 Very low p < 5%
2 Low p < 15%
3 Medium p < 40%
4 High p < 60%
5 Very high p > 60%

Table 6.2: Risk Impact Scale

Score Description
1 Negligible
2 Small performance reduction
3 Medium performance reduction
4 Large performance reduction
5 Mission failure

The risks identified with a small description including their probability and impact scores are documented in
Table 6.3.

Table 6.3: Technical Risks

ID Risk Description Probability Impact
TR-1 Exceeding

the structural
margins

When flying at the edges of the structural envelope there
might be points where a gust or the requirements to per-
form evasive maneuvers could push the aircraft past the
structural margins, causing the breakup of the structure

4 5

TR-2 High-speed Ro-
tor Flow Inter-
ference

During forward flight with the rotors activated there
might be complex interactions between the downwash
of the rotor, the wing as well as the engine intakes lo-
cated under the rotor, causing reductions in lift or issues
with the engines.

3 3

TR-3 Instability
during transition

During transition a special maneuver needs to perform
to allow the rotor to stop and transfer the lift responsibil-
ity to the wings, followed by the retraction of the blades

3 4

TR-4 Certification not
granted

As this aircraft is a complicated hybrid between conven-
tional airplanes and helicopters it is not certain under
which certification regulations it would be assessed by
the regulating agencies. This makes it uncertain which
exact requirements need to be met

3 4

19
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TR-5 Rotorblades col-
lide with other
components

During the rotor-powered flight, the blades of the rotor
can move and bend to provide control forces as well as a
result of gusts. This could lead to the rotor blades mov-
ing downwards far enough to contact other parts of the
aircraft such as the wings or tail.

3 5

TR-6 Failure of
hydraulics

As large parts of the control surfaces and swashplate
are actuated through hydraulic actuators, the loss of hy-
draulics would mean the loss of control leading to a
crash.

3 5

TR-7 Failure of fly-by-
wire system

The fly-by-wire system is required to control the aircraft
during the transition parts operational envelope. Failure
of this system could in many situations lead to a loss of
control

3 4

TR-8 Engine failure
during transition

In case the engine fails during transition, the loss of
thrust can interrupt that transition. The loss of power
will thus, depending on the exact state of the aircraft,
cause the loss of complete lift. Due to the low time spent
transitioning this is considered to be a very low proba-
bility.

2 5

TR-9 Engine failure
during hover

During hover, the entire lift of the aircraft is coming
from the rotor powered by the engines, thus a failure
of the engine might bring the aircraft to crash.

3 5

TR-
10

Engine failure
during cruise

During cruise an engine failure would turn the aircraft
into a glider. However, depending on the landing gear it
might not be possible to perform a typical aircraft land-
ing instead of a vertical one.

4 5

TR-
11

Rotor retraction
mechanism jams

If the rotor retraction mechanism jams, this will not al-
low the rotor to be retracted into the wings and fuselage.
This will result in the rotor staying exposed, causing
large drag and preventing the achievement of the desired
cruise speed. However, in the reverse case when trying
to extend the rotor blades, landing as a rotorcraft will
still be possible. During transition back to rotor craft, a
landing will still be possible with reduced lift, due to the
lower radius.

3 2

TR-
12

Hub lowering
mechanism
jams

Similar to the failure of the hub lowering mechanism,
this will prevent the nominal cruise. However, in con-
trast to the blade retraction mechanism, if this mecha-
nism jams on the transition to rotorcraft a normal verti-
cal landing is no longer possible

4 2

TR-
13

Bird strike A bird strike usually happens at low altitude, and can
destroy the parts the bird hits, possibly causing a crash.

4 4

TR-
14

Premature
fatigue failure

If the operation environment and usage of the aircraft is
not estimated correctly this can cause unforeseen num-
bers of load cycles to be applied to the structure, thus
causing a premature breakup in flight.

3 5

TR-
15

Jet blast dam-
ages surround-
ing equipment
or personnel

The jet engines produce powerful jetblast that can dam-
age both equipment and personnel that is working
around the aircraft during takeoff or idle. This is espe-
cially important on cramped environments such as air-
craft carriers.

4 3
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TR-
16

FOD Ingestion
into engines

During operation in adverse environments there is the
possibility of ingesting objects into the intakes of the en-
gines generating suction. This will cause damage to the
engines, possibly even making the engine fan, compres-
sor or turbines shatter and cause damage to surrounding
components.

3 4

All the risks identified are placed into a risk map to visualize the relative score of each risk. The risk map is
shown in Figure 6.1.
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Figure 6.1: Risk Map before Mitigations

There are a number of risks in the upper right corner, having both a high probability with their impact resulting
in large performance reductions or even mission failures. Thus, especially for these risks a mitigation strategy
was developed to ensure the project becomes a successful aircraft with a high probability.

6.2. Mitigation strategy
For as many risks as possible a mitigation strategy is developed, that aims to reduce the probability or the
impact, or both of that risk. These risks will then continue to be tracked in a risk map. During the development
of the engineering project these risks will be monitored to ensure that none of these risks become too large and
to monitor the implementation of the risk mitigation strategies. The mitigation strategies are documented in
Table 6.4.

Table 6.4: Technical Risk Mitigations

ID Mitigation Reduced
Probabil-
ity

Reduced
Impact

TR-1 Adding standard safety factors to the different components loaded
by the flight loads ensures that even if the flight envelope is ex-
ceeded no immediate failure will occur. This reduces the probabil-
ity of this risk dramatically

1 5
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TR-2 To ensure this risk does not occur, thorough analysis on the flow
fields around the wings, rotor and engine intake shall be performed
using CFD and wind tunnel tests. This ensures an optimal design
that minimizes performance losses of these components will be
achieved

1 3

TR-3 A fly-by-wire system should implement different types of control
laws depending on the flight state and simplify the controllability
for the pilots. It should also allow for recovery of failed transitions.
To aid in that, transition should only be attempted with enough alti-
tude to recover from this failure, be it in helicopter or plane mode

2 3

TR-4 To ensure certification is as likely as possible, thorough research
into the different types of certification categories that could apply
to such aircraft as theXV-25Griffin shall be performed. In addition,
other vertical take-off planes should be investigated to gain a better
understanding of the certification criteria. Once these are known,
all the requirements set by these certification guidelines should be
considered early in the design so they can be met.

2 4

TR-5 To ensure the rotor does not hit the tail, wing or other parts of the
fuselage, sufficient stiffness of the blades, as well as a minimum
distance between the rotor and potentially interfering components
shall be defined. In addition, the flapping hinges allowing for the
up and down movement of the blades shall have appropriate end
stops set.

1 4

TR-6 Using redundant hydraulic circuits in such a layout that even if one
circuit fails the aircraft stays controllable is a relatively simple way
to mitigate the impact in case the hydraulic circuit does break.

3 3

TR-7 To prevent the fly-by-wire system to stop working due to singular
issues with components, all sensors, computers and actuators will
be laid out in a redundant fashion. This ensures that in case a com-
ponent does fail the remaining parts can identify that and use the
remaining good components to continue a safe flight.

3 2

TR-8 A failure of the engines during the transition can be mitigated by
only transitioning at a sufficient altitude, that would allow the air-
craft to start gliding by converting the altitude to velocity. In addi-
tion, for a safe recovery of the vehicle it needs to be designed to be
able to perform a gliding landing.

2 3

TR-9 To ensure safety during an engine failure during hover, two en-
gines are installed. Thus, enough power remains to perform an
emergency landing using the single engine. In addition, if there is
sufficient altitude or velocity allowing for autorotation or a gliding
landing will further increase safety even in case both engines fail.

3 3

TR-10 A single engine failure during cruise will only reduce the cruise
speed with two engines installed. In addition, transition and a ver-
tical landing would become risky or impossible. Thus, the gear is
designed for a horizontal landing like a conventional aircraft.

4 2

TR-11 - 3 2
TR-12 - 4 3
TR-13 To mitigate the risks of bird strikes the aircraft will be operated as

little as possible in lower altitudes where birds are more common.
In addition, the frontal surfaces as well as the engine intakes are
designed to not sustain catastrophic damage that will cause the air-
craft to crash.

2 3
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TR-14 During deployment close monitoring of both the usage and the op-
erational profile of the aircraft as well as the corresponding fatigue
progression of the fatigue life limited components shall be imple-
mented. This allows the correction of assumptions during design
about the usage by the operators, thereby giving a better understand-
ing of the recommended life of the parts. Monitoring the compo-
nents also allows premature wear to be detected and to be corrected
before it causes any issues during flight

1 5

TR-15 Preventing jet blast damage is achieved by using engine exhausts
that are elevated at a sufficient level above the ground to gain clear-
ance from most equipment on the ground. In addition, maintaining
a cleared area for equipment behind the vehicle can prevent dam-
age.

2 3

TR-16 Similar to the jet blast, the engine is placed at a certain height above
the ground, which prevents most FOD to enter the engines. In ad-
dition, no personnel or equipment shall be allowed to enter the area
in front of the engine intakes when the aircraft is running.

1 4

The risks are fitted into a new riskmap that visualizes the new state of the risks of the project with the mitigation
plans incorporated. It is shown in Figure 6.2.
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Figure 6.2: Risk Map After the Mitigation

It can be observed that there are no risks left in the orange area. However, not all risks are mitigated to an
entirely satisfactory level, with many remaining at an intermediate level. These will be continuously monitored
during the further development process to ensure they will no threaten the planned operation.



7
Design and Integration

To arrive at the final design all the different subsystems were integrated to perform the desired tasks. The results
as well as the tools used to arrive at these results are presented in this chapter.

7.1. Detailed Design
The detailed designed has been established and showcased in Figure 7.1. This includes the key elements of the
concept aircraft.

Figure 7.1: Detailed Design Concept

Telescopic Blades: During hover, the blades are fully extended in order to provide efficient hover and low
down-wash. The specifics are determined in section 8.1. The blades are designed such that the outmost section
can retract within the innermost section of the blade in a telescopic manner. The mechanism is showcased in
section 10.7.

Forward flight engines: The engines provide the thrust required for cruise speed in forward flight. Furthermore,
they allow the aircraft to reach transition velocity from hover. This allows the minimal downward pitch of the
compound when the rotor is used. The specific engine is established in section 9.2.

Rotor Hub braking, Lowering and Storage: Once in flight with sufficient velocity, the wings of the aircraft
generate lift. The Rotor is then slowed down proportionally to the lift generated from the wings until it com-
pletely stops in order to maintain level flight. Upon which the rotor hub system is disconnected. The rotor is
fully stopped and locked in the desired position. The rotor hub is then lowered down into the fuselage. The
mechanism is showcased in section 10.7.

Forward Swept Box Wings: The wings are swept forward in order to store the rotor blades within, such
that they are fully concealed while reaching cruise speed. Furthermore, the box wing allows the rotor blades to
functionwith reduced impact from thewing area required for flight. Flaps are placed in order to further minimize
the perceived area of the wing when fully deflected for hover. The specifics are determined in section 8.2.

24
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In-Wing Rotor Blade Storage: Simultaneously, as the main rotor hub has been lowered into the fuselage, the
rotor blades are lowered into the wings. The rotor blades are then concealed under retractable skin doors for
cruise flights. This mechanism is developed in section 10.7.

Hover Controls: During Hover, the Griffin makes use of a conventional swash plate to allow pilot inputs to
be translated into vehicle motions. In order to control the yaw axis of the aircraft in addition to counteract the
torque generated by the main rotor, high-pressure gas is diverted from the engine bypass to the tail of the aircraft.
The controls are described in section 11.1.

H-Tail: The compound has an unconventional H-Tail in order to provide conventional aircraft controls once
the airspeed is sufficient. The H-Tail has a lowered Vertical Stabilizer in order to provide additional clearance
from the rotor blades. The H-Tail provides static stability in the longitudinal and lateral directions.

Rear Opening Door: The payload bay is easily accessible from the rear of the aircraft. This allows cargo bay
access to large-volume elements within the payload limit.

7.2. Operation and Logistics Concept Description, Mission Analysis
Ground Operations: In terms of ground operations, the XV-25 Griffin is no different than any other conven-
tional helicopter. Because the fixed wings are entirely underneath the main rotor, the ground footprint is no
different than a conventional helicopter of similar size. Additionally, the ground crew is protected from the
main rotor, as it is placed high above the ground and there is no hazard of the engines for inspecting, loading,
and unloading the aircraft while in operation, as the engines are positioned high above the cargo compartment.
Similarly, there is no danger of injuries due to the lack of a tail rotor.

Taxi, Hover, Takeoff and Landing: As the XV-25 Griffin has a relatively low disk loading, there is no need for
special provisions for the protection of life around the vehicle, as people and objects should not face any issues
standing near the vehicle when taxiing on the ground, hovering, or departing. Any operations in compound
mode are done with the wing flaps set to the fully deflected position in order to reduce the download factor
from the wing area under the rotor. Due to the low induced velocity of the rotor, operation above dirt, water, or
sand is possible. Because of the lack of a tail rotor, the risk of VRS (Vortex-Ring State) of the tail rotor due to
crosswinds or main rotor turbulence is eliminated.

Acceleration and Transition: When accelerating in compound mode, the angle of attack is kept constant at
3◦ in order to have the optimal angle for the fixed wings to generate lift, in order to improve efficiency and be
able to unload the rotor as soon as possible. At a velocity of 135 kts the wings are able to support the vehicle
entirely, hence at that speed the rotor is disengaged from the engines and slowed down for storage. At 150 kts
the rotor is fully stopped and stowed into the upper wing.

Climb and Cruise: As the aircraft has very powerful engines to support hover, all the excess power provides
an exceptional rate of climb in fixed-wing flight as described in section 9.5. That means that the XV-25 is able
to get up to cruising altitude in a very short time and then cruise efficiently at that altitude.

Descent: The main drawback of steep, rapid descent using the rotor system is the susceptibility of the rotor to
VRS (Vortex-Ring State). Considering the non-dimensional horizontal velocity VH/Vindh and non-dimensional
vertical velocity VZ/Vindh Basset et. al. [11] the region of VRS susceptibility varies approximately from
0 ≤ VH/Vindh ≤ 1 and −2 ≤ VZ/Vindh ≤ 0. Having a relatively low disk loading, but still higher than a vast
number of conventional helicopters, the risk of encountering VRS occurs at very steep descents at relatively
low speeds. Thus, it is recommended to avoid such operations as much as possible and thoroughly assess the
characteristics of a possible Vuichard recovery from VRS.

Pilot Training: As indicated in chapter 11, operations at speeds up to 65kts are no different than flying a
conventional helicopter and the aircraft is dynamically stable until transition. Furthermore, after transitioning
into the fixed-wing flight, the aircraft can operate as a conventional airplane that is stable. For that reason, any
pilot trained in helicopters should be able to operate the XV-25 Griffin with minimal additional training, as
any differences encountered with a conventional helicopter are only at cruise, which is not a demanding phase
of flight in terms of handling. Emphasis should be placed on emergency landings in fixed-wing mode as the
approach and landing speed are rather high and the placement of the landing gear is not favorable for high-pitch
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angles.

Storage: When the main rotor is stowed into the upper wing, the footprint of the helicopter is the lowest
and similar to a small to a medium-sized airliner. For that reason, parking and storage are possible at any
conventional aircraft stand, or even off the field.

Overweight Operations: In principle, the XV-25 is not able to hover when the loaded mass exceeds the maxi-
mum take-off mass, due to power limitations. However, the possibility of performing a running take-off from a
runway by tilting the rotor tip-path-plane forward using cyclic on the ground to accumulate speed exists for over-
weight departures. This can work because the power required at speed is much lower than the power required
at hover. However, as the landing gear is not positioned to allow for excessive rotation angles, takeoff using
flaps is recommended in order to be able to lift without rotating the body of the craft. Using rough estimates,
the forward thrust that can be produced using this method is 19800lbf (88kN ), easily enough to accelerate the
XV-25 Griffin forward. Using this technique, the MTOM can be increased by approximately 5200lbs (2400kg).

Figure 7.2: Flight Mode Diagram

7.3. Functional Analysis
To show the logical order of functions from systems and sub-systems, a Functional Flow Diagram (FFD) was
created and described in subsection 7.3.1. In addition, a Functional Breakdown Structure (FBS) is illustrated in
subsection 7.3.2 to represent the hierarchy of functions within the system.

7.3.1. Functional Flow Diagram
The FFD helps the team gain a better understanding of the functionality of the system from the top-level function-
ality all the way down to the functionality of detailed sub-systems where each function has a unique identifier.
As can be seen in Figure 3.1, the system functionality is described in the sub-tree ”PerformMission”, the design
and production process is described in the ”Provide Aircraft” sub-tree and the end-of-life process is described in
the ”Disposal” sub-tree. The top-level functions in the ”Perform Mission” sub-tree are taken from the mission
profile and are then expanded, in chronological order, into more detailed functions which must be performed in
order to be able to complete the top-level function. This diagram provided a detailed description of the system
functionality which the team can always look back on to gain a clearer bird’s-eye-view of the system.

7.3.2. Functional Breakdown Structure
The FBS presents an overview of the system functions in a similar manner to the FFD. However, the FBS
presents a hierarchical categorization, showing all the sub-functions which the main functions can be divided
into.

The main functions are the design, construction, disposal of the aircraft, mission fulfillment, and safety guar-
antee. The main functions are presented filled with light green and the sub-functions are presented in different
levels, colored in red, yellow, and white as the levels progress to finer detail. The use of arrows was avoided in
the lower details to prevent the cluttering of the diagram.

The FBS provided the team with a good high-level overview of all the functions the system needs to perform.
The FBS, together with the FFD, proved to be invaluable tools to clarify the task at hand and complete the other
sections of the report.
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8
Aerodynamics

To assure that the XV-25 Griffin can properly execute the mission profile, the aerodynamics aspect of the aircraft
has to be examined carefully. Aerodynamics also plays an essential role in predicting the performance of the
aircraft and selecting a suitable engine. This chapter is dedicated to studying the rotary wing system for the
VTOL operation and the fixed-wing system that will be used during cruise. The structure of this chapter is as
follows: first, section 8.1 focuses on the rotor blades; second, section 8.2 explains the fixed-wing configuration
which includes the wing planform, the airfoil, lift and drag estimations; finally, the verification and validation
procedures are reported in section 8.3.

8.1. Rotary Wing Analysis
This section details the rotor blade design process which is the most crucial component to performing the VTOL
operation. The rotor blades have to be carefully designed in order to meet the requirements outlined in chapter 4.
The preliminary rotor design is recapped in subsection 8.1.1. Blade design which includes the blade twist and
airfoil selection per section are shown in subsection 8.1.2. The noise created by the blades is estimated in
subsection 8.1.3.

8.1.1. Preliminary Rotor Design
The first step in designing the rotor is to perform a preliminary sizing from which the radius, chord length,
number of blades, and rpm of the rotor.

As a first step, a disk loading (DL)must be assumed to then calculate the required blade radius as per Equation 8.1
(T=W). After this, the rotational speed of the rotor can be calculated with an assumed maximum Mach number
at the tip of 0.95 with Equation 8.2 which can then be used to calculate the never exceed advance ratio (µVNE

)
with Equation 8.3 where VNE can be assumed to be equal to the transition speed as specified in section 2.2.

R =

√
T

DL · π
(8.1) Ω =

Mtip · c− Vmax

R
(8.2) µVNE

=
VNE

ΩR
(8.3)

With the advance ratio calculated, a value of CT
σ of 0.16 can be estimated based on statistics. This value can

now be used to calculate the blade solidity, σ with the equations below considering T = kdownload ·W where
the value of the download factor can be taken from subsection 9.1.1.

σ =
CT
CT
σ

(8.4) CT =
T

ρ · π · (ΩR)2
(8.5)

With the value of the blade solidity calculated, the number of blades can be found based on an iterative process
with the constraints being the aspect ratio of the blade having to be larger than 14 to prevent aerodynamic losses
while having to be lower than 20 to prevent structural integrity issues.

cconst =
σ · π ·R
nblades

(8.6) AR =
R

cconst
(8.7)

Table 8.1: Preliminary Sized Parameters of the Rotor

Disk Loading
DL

Number of Blades
nblades

Blade Radius
R

Constant Chord
cconst

Aspect Ratio
AR

lbs/ft2 (N/m2) - ft (m) ft (m) -
13 (622) 3 40.7 (12.4) 2.6 (0.8) 15.5

29
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8.1.2. Blade Design
Blade design for the rotor of a compound aircraft involves balancing a lot of factors to optimize performance.
The rotor blades for these aircraft need to be designed to be efficient both in hovering and high-speed forward
flight. One of the key considerations in blade design for compound aircraft is aerodynamics. The blades need
to be designed to provide lift and minimize drag in both hover and forward flight. However, the XV-25 Griffin
has a telescopic mechanism that retracts the blades and stores them within the upper wing of the Prandtl box
wing after a transition speed of 150 kts. This allows the team to focus more on optimizing the blade for hover
rather than high-speed forward flight.

Blade Twist
Blade twist in helicopter rotors is crucial for hover efficiency as it helps to optimize the lift distribution across
the rotor blade. The blades of a helicopter rotor are twisted so that the angle of attack is less at the tip of the
blade than at the root. This helps reduce the induced drag at the blade’s tip, improving the rotor system’s overall
efficiency. To optimize for hover flight, the ideal twist curve should be followed, which dictates the local blade
pitch based on the percentage of the radius length.

Figure 8.1: Ideal Blade Twist Curve[12] Figure 8.2: Linear Twist at -5◦

However, implementing an ideal twist in a rotor blade leads to a few problems. One of the main issues is
that it can increase the structural loads on the blade, which can cause it to fail more quickly. Moreover, the
manufacturing process for blades with an ideal twist is more complex and costly. Hence, many helicopter
manufacturers use linear twists across the blades to achieve a reasonable balance in performance between hover
and forward flight. Similarly, a −5◦ linear twist was chosen for XV-25 Griffin and is presented in Figure 8.2
along with the ideal twist curve. The equation for the ideal twist curve was estimated by fitting a 6-degree
polynomial over Figure 8.1 where y is the local blade pitch in degrees and x is the radius station (r/R). The
vertical line in Figure 8.2 is set at 15% of the radius where the airfoil of the blade starts.

y = 21.865 · x6 − 897.13 · x5 + 2801.6 · x4 − 3519.1 · x3 + 2185 · x2 − 687.58 · x+ 100.29 (8.8)

The next step was to estimate the pitch of the blade at the tip (θt). Raymond Prouty presents a formula in the
book ”Helicopter Performance, Stability, and Control” that calculates θt as a function of the thrust coefficient,
blade solidity, and slope of the lift curve per radians [12].

θt = 57.3 ·

 4

clα
· CT

σ
+

√
σ · CT

σ

2

 [deg] (8.9)

The Clα for most airfoils is very similar and estimated to be equal to 5.73 per radians [12]. However the CT &
σ can be calculated based on Equation 8.10 and Equation 8.11 respectively.

CT =
Trotor

ρ ·Adisk · (Ω ·R)2

{
Thover = (1 + kdownload) ·MTOW

Tmax allowed = (1 + kdownload + 0.18) ·MTOW
(8.10)
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σ =
Ablade

Adisk
(8.11)

Since the aircraft has wings placed under the rotor, it is important to account for the download factor (kdownload)
which was taken to be 0.11 based on the reasoning in subsection 9.1.1. This means that the thrust required for
hover is 0.11 times the aircraft weight as seen in Equation 8.10. Moreover, by changing the collective angle of
the blades, an extra thrust equivalent to 18% of MTOW can be produced. Nevertheless, due to the large radius
of the blades and a relatively large CT /σ value, the pitch angle at the blade tip was very large and increased
towards the hub. Therefore, a θt of 6.3◦ was manually set for hover. This along with a linear twist of −5◦
resulted in a pitch angle at the hub (θ0) of 13.2◦ for hover.

Airfoil Selection
Unlike the wing of an aircraft, the helicopter blade must adapt to a wide range of airspeeds and angles of
attack during each revolution of the rotor. Symmetrical airfoils provide acceptable performance under these
alternating conditions. They are also easier to manufacture and therefore cost less. This is the main reason why
many helicopters in the early days of helicopter flight, used symmetrical airfoils. However, they tend to produce
a lot of drag and have a lower lift-to-drag ratio in comparison to their non-symmetrical counterpart. There are
three main criteria to consider while choosing an airfoil for the rotor blades [12].

• Low pitching moment to minimize the torsion moments and control loads on the blade.
• Low drag at moderate lift coefficients to minimize the power in normal flight.
• High drag divergence Mach number to allow flight at high advancing tip Mach numbers without pro-
hibitive power losses or noise.

Since no single airfoil is considered optimum along the span of a blade, the blade was split into 4 different
sections as seen in Figure 8.3 to meet the requirements above [12].

Figure 8.3: Sections of the Rotor Blade.

The airfoil only starts at 15% of the blade radius as the flapping hinge is located at that point. The first section
of the blade ranges from 15% to 55% of the blade radius. This is also the section with the highest twist and
pitch angle but has a relatively low speed in comparison to the outer portion of the blade. Hence an airfoil
with a high Clmax value was required while also limiting its moment coefficient Cm. The drag divergence was
not a leading factor in the selection of an airfoil for this section. Another important requirement for the first
section was the thickness. It had to be thick enough to house the telescopic mechanism and the other sections
of the blade after the transition speed was reached. A few airfoils were selected as potential candidates for the
first section, namely the Boeing-Vertol V43012-1.58, Boeing-Vertol VR-7, and ONERA/Aerospatiale OA213.
These airfoils were also examined by ONERA and SNIAS in 1974 as part of a joint research program [13]. It
was seen that the OA213 airfoil performed best overall by having a relatively high value for drag divergence
Mach number of 0.75, a low drag coefficient, and a moment coefficient of less than 0.01. Similarly, the Boeing-
Vertol VR-7 airfoil also had aMdd higher than 0.7 and a Cm0.25 less than 0.02. Nevertheless, neither of these
airfoils could produce enough Cl at low speeds. Therefore, the Boeing-Vertol V43012-1.58 airfoil, which had a
Clmax of 1.7 at M = 0.3 and a Reynolds number of 6.5 million, was chosen for the first section of the blade. The
maximum thickness to chord ratio was increased from 12% to 14.42% and a chord length of 0.825 was set in
order to house the other sections. However, this came with an extremely lowMdd of about 0.65 which limited
the length of the section to only 55% of the radius.
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The second section of the blade lies between 55% to 75% of the blade radius. With a rotational speed of almost
187 rpm or ω = 19.6 rads/sec and a maximum forward speed of 150 kts, the highest speed achieved by the
second section is 0.75 Mach at 2000 ft. Much like the UH-60A Black Hawk helicopter, the SC1094-R8 airfoil
was used for the middle section of the blade. At a Reynolds number of 8.5 million and the previously mentioned
Mach number, the airfoil showed excellent performance with a Cd value of less than 0.01 before the stall angle
at 12◦, a smaller Cm0.25 value than V43012 and aMdd of 0.78 [14]. It is important to note that the t/cmax for
the airfoil was reduced from 9.4% to 8% for telescopic purposes. This reduced the Clmax from 1.6 to 1.4 at an
angle of attack of 12.5◦. The reduction in Cl is not considered a big loss as the maximum twist angle in section
2 at hover is 9.4◦ which is almost 3◦ less than its stall angle and the twist only decreases as the r/R increases.

The airfoil chosen for the 3rd section of the blade was also taken from the UH-60A Black Hawk. The highest
speed achieved by this section of the blade is 0.82 Mach at transition speed. Hence the SC1095 Sikorsky airfoil
was used as it has a drag divergence Mach number of 0.82 [14]. It also has a very low moment coefficient of
less than 0.02 in addition to a Cd value of 0.01 below the stall angle of 10◦. Once again, this is not a problem
as the highest twist angle for this section is 8◦ which is still in the linear part of the Cl/α curve. Similar to the
second section, the t/cmax ratio was changed from 9.5% to 8% to allow this section to fit inside the 1st section
of the blade. Reducing the thickness-to-chord ratio of the airfoil lowers the Clmax and the stall angle to 1 and
9.8 deg respectively from the original Clmax of 1.14 and a stall angle of 11.2◦.

Finally, 3 different airfoils were considered for the last 15% of the blade. Since the radius of the blade is on the
upper side of the helicopter blade radius spectrum, the highMdd value was the leading factor in the choice of
an airfoil. Onera OA206, OA207, and Boeing Vertol VR-7 were the 3 airfoils chosen for the 4th section. All
three of these airfoils showed a very low value for the drag and moment coefficient at around 0.01. This left the
Mdd to be the deciding factor, and the OA206 airfoil had the highest drag divergence Mach number of about
0.9 [15]. However, a leading edge sweep was added to the section to reduce the velocity experienced by that
section from 0.93 Mach to below theMdd. The t/cmax ratio also had to be altered to 8% to have a uniform lift
distribution over the blade which will be discussed in more detail in Figure 8.1.2 along with the leading edge
sweep.

Lift Distribution Over The Blade
The blade element method was used to estimate the lift distribution over the blade. The blade was first split
into 124 dr sections of 0.1 m each. Next, the lift produced by a dr section at a given radius r and for a given
chord length was calculated by estimating its rotational speed and simply using the lift formula in Equation 8.12.
Similarly, the drag was calculated fromCd whereCd0 was extracted from the airfoil using Javaprop, the Oswald
efficiency factor was set at 0.8, and Cd was calculated with Equation 8.13. This was done for all dr sections
along the span.

Ldr = Cl ·
ρ · (Ω · r)2 · c · dr

2
(8.12)

Cd = Cd0 +
C2
l

π · e ·AR
Ddr = Cd ·

ρ · (Ω · r)2 · c · dr
2

(8.13)

Performing this calculation for every dr along the span of the blade produces the lift distribution vs radius curve
as seen in Figure 8.4. An initial estimate for the chord was taken from the preliminary sizing in Table 8.1. The
chord was then varied to ensure a relatively continuous lift distribution over the blade. However, it can be seen
that there is a large discontinuity from section 1 to section 2 of the blade. This is because section 1 of the blade
was made much thicker than other sections to house them inside. This discontinuity in lift creates vortices that
induce drag [16]. This is a penalty that the team accepts in exchange for the stowing mechanism of the blades
which offers a more efficient cruise flight constituting the largest part of the mission. Similarly, the thicknesses
of the airfoils were modified not only for packaging purposes but also so they would produce the desired Cl

value and have a continuous lift distribution over them.
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Figure 8.4: Lift Produced by Elements of Length dr = 0.1 m Along the Span of the Blade.
In hover, Collective angle: 8.65◦

The collective angle was calibrated such that at 0◦, the blades produce almost no lift (−2.8N) for a constant rpm
of 187 as seen in Figure 8.5. At 8.65◦ the aircraft is able to produce enough lift to hover with a thrust of 312.5
kN and the maximum allowed collective angle is set at 10.02◦. This allows for a maximum thrust of 361.9 kN
which can also be seen in Figure 8.6. The thrust for the rotor is simply the lift produced by the blades which
was calculated using Equation 8.12.

Figure 8.5: Lift Produced by Elements of Length dr = 0.1 m
Along the Span of the Blade.

In Zero Lift, Collective Angle: 0◦

Figure 8.6: Lift Produced by Elements of Length dr = 0.1 m
along the Span of the Blade.

In the Max Rate of Climb with Rotors, Collective Angle: 10.02◦

The torque of the blades was calculated using the inflow angle (ϕ). First, the inflow angle at the blade tip (ϕt)
was calculated via Equation 8.14. Based on ϕt, the inflow angle was calculated [12].

ϕt =

√
CT

2
ϕ =

ϕt
r/R

(8.14)

With values for ϕ and ϕt available, the incremental torque (∆Q) could be calculated with Equation 8.15. This
when summed over the span of the blade and multiplied by the number of blades gives the rotor torque [12]. In
addition to the torque calculation, the new disk loading at hover was also calculated using Equation 8.1 to be
13.5 lbs/ft2.

∆Q = r ·
[ρ
2
· (Ω · r)2 · Cl · c ·∆r · ϕ+

ρ

2
· (Ω · r)2 · Cd · c ·∆r

]
(8.15)

An overview of performance and aerodynamic parameters for the three aforementioned collective angles is
presented in Table 8.2. The blade design can be further improved by accounting for the tip losses and other me-
chanical losses. Better results and confidence can be obtained with the use of rotor-craft aerodynamic software
and computational fluid dynamics (CFD) analysis such as CAMRAD and Ansys Fluent.
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Table 8.2: Aerodynamic and Performance Parameters of the Rotor.

Collective angle
deg

Thrust
lbf (N)

Drag
lbf (N)

Torque
lbf-ft (Nm) CT/σ

0 0.63 (-2.8) 649 (2,887) 24,521 (33,246) -
8.65 70,243 (312,458) 4,066 (18,088) 326,696 (442,940) 0.17
10.02 81,368 (361,946) 5,151 (22,913) 391,446 (530,730) 0.20

8.1.3. Noise
Noise plays an important role in both civil and military operations of the XV-25 Griffin. For the civil case,
the XV-25 Griffin has to satisfy sustainability (SYS-CO-SUS-1) and legal (SYS-CO-LEG) requirements which
include the EASA and FAA regulations in order to be certified. On the other hand, while military operations
are usually exempted from regulations, the far-field noise gives unnecessarily early warning of the aircraft’s
approach [17].

The origin of helicopter noise has been studied thoroughly both from experimental [17], [18], and theoretical
[17], [19] perspectives. Though using different methods and approaches, researchers all agree that vortex noise,
rotational noise, and blade slap are the main aerodynamic sources of helicopter noise. While being mentioned
individually, it has been concluded that it is complicated to draw a clear distinction between the three sources
as they are interconnected [17]. The characteristics of each source can be described as follows:

• As for vortex noise, rotor wake plays an influential role because each blade can be considered a wing
during flight and leaves a vortex wake behind as they generate lift. The vortex wake tends to roll up into
concentrated vortices and when the blade has to pass over vortices created by the previous blades [17], it
creates a substantial amount of noise.

• As for blade slap, it is a worse scenario of vortex noise when the vortex wake goes very near the rotor
or the blades go locally supersonic at high rotor speed [17]. This creates a specific slapping or banging
noise.

• As for rotational noise, it originates from the fluctuating forces along the blades and these forces also
rotate with the blade [17]. Commonly, a program has to be made to simulate and estimate the noise of
this source, such as the FORTRAN model depicted by Schlegel et al. in literature. [18]

It can be seen that all noise sources have an interconnection with rotor wake; thus, according to reference
[18], vortex noise is the most consequential factor in estimating helicopter noise. By means of experiment,
Hubbard [20] proposed Equation 8.16 and Equation 8.17 to estimate vortex noise. The first equation is based
on multiple experiments to measure the Sound Pressure Level (SPL) and the second equation is to provide
a distance correction term since the original experiment was conducted 300ft away from the rotor. In both
equations,AB is the effective blade area, V0.7 is the velocity at the 7th station of the blades, and d is the distance
at which the noise needs to be estimated. Assuming the noise created during hover is the same as take-off and
landing, the noise estimation of the XV-25 Griffin in different flight phases is summarized in Table 8.3. Further
discussion regarding the noise estimation results can be found in chapter 12 together with other characteristics
of the whole design for the sake of completeness.

SPL = 10 log
6.1× 10−27AB(V0.7)

6

10× 10−16
+ 20 log

CL

0.4
(8.16) ∆SPL = 20 log

300

d
(8.17)

8.2. Fixed Wing Analysis
As indicated in requirement REQ-MSN-4 in chapter 4, the most important requirement that the XV-25 Griffin
has to achieve is a cruise speed of at least 450 kts (231.5m/s). To achieve thementioned requirement, the analysis
starts with the preliminary estimations of the wing surface area, lift, and drag as explained in subsection 8.2.1.
The outputs of this step are used as inputs for the detailed wing design in subsection 8.2.2. After obtaining
the wing details, an airfoil is selected through a simple trade-off elaborated in subsection 8.2.3. When the
airfoil is finalized, predictions regarding the lift and drag of the aircraft can be made in subsection 8.2.4 and
subsection 8.2.5, respectively.
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Table 8.3: Noise Estimation of the XV-25 Griffin in Different Phases

Parameter Unit Hover Transition
Ab ft2 (m2) 107 (92)
CL0.7 - 1.113
V0.7 ft/s (m/s) 558 (170) 810 (247)
d ft (m) 150 (45.7) 2000 (610)
ICAO Noise (MTOW based) dB 102 101
Hubbard Noise dB 97.8 85

8.2.1. Preliminary Sizing and Estimation
Before being able to perform a detailed analysis of the wing, an initial estimation of the wing sizing must be
performed based on the estimated MTOW. By generating thrust loading vs wing loading diagrams, an optimal
design point can be chosen. From this design point, both the surface area of the wing (S) and the maximum
engine thrust (TTO) will be found. In the same manner, lift and drag are also conceptually estimated based on
statistical methods to provide inputs to other departments.

Wing Loading constraint
As a first step, an upper limit on the wing loading is found based on the stall speed. The wing loading is related
to the stall speed through Equation 8.18. The design stall speed was assumed to be 0.9 times the transition
speed whereas the design maximum lift coefficient was assumed to be 1.8. These assumptions are necessary
to generate an initial wing sizing although these values will be updated after a detailed analysis is performed
further in this chapter.

(
W

S

)
stall

=
1

2
· ρ · V 2

S · CLmax (8.18)

Thrust Loading constraint
Maximum Speed
Themaximum speed for an aircraft in steady, straight, and horizontal flight is defined as the speedwhereTmax =
D. In other words, the maximum speed is reached when the engine can not provide enough thrust to overcome
the drag. A relationship between the thrust loading and wing loading based on the maximum speed (at cruise
conditions) can be found in Equation 8.19 where the maximum speed, VH , was assumed to be 1.1 times the
cruise speed.

Climb Gradient
As prescribed in 14 CFR Part 25 [7], a two-engine aircraft (with retracted landing gear) must be capable of
a climb gradient, G, of at least 3%. Based on this requirement, a limiting thrust loading can be found with
Equation 8.20.

T

W
=
CD0 · 12 · ρ · V

2
H

W
S

+
W

S
· 1

π ·AR · e · 12 · ρ · V
2
H

(8.19)
T

W
≥ G+ 2

√
CD0

π ·AR · e
(8.20)

At the preliminary stage, values for CD0 and AR were assumed based on statistics but after a detailed analysis
was performed this process was repeated for the calculated values.

Loading Diagram
With the above equations, a loading diagram can be generated as can be seen in Figure 8.7. The design point
was chosen so that the wing loading was maximized, to maximize the amount of weight the wing can lift, while
the thrust loading was minimized, to reduce the amount of thrust required to lift a specific weight, while staying
inside the design space (area shaded in green). Maximizing the wing loadingwhileminimizing the thrust loading
brings us to the bottom right corner possible in the design space (marked with a red cross on the diagram).
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Figure 8.7: Loading Diagram

Finally, based on the design point, the required thrust at cruise conditions as well as the surface area of the
wing based on the stall speed can be found by dividing/multiplying by the MTOW. The required thrust must
be corrected to sea level with Equation 8.21 as it was calculated at cruise conditions [21]. The resultant values
generated from this process can be found in Table 8.4

T = TTO ·
(
ρ

ρ0

) 3
4

(8.21)

Table 8.4: Preliminary Sizing Results

Variable Unit Value
S ft2 (m2) 624.3 (58)
TTO lbf (N) 10736 (47755.9)

Lift and Drag
While an initial value for the lift coefficient CLdes

is chosen to be 0.29, the class I method is used to obtain a
value for drag-related coefficients. Themost important parameter is the zero-lift drag or parasite drag coefficient
CD0 - the drag with no lift present (skin drag). According to Raymer [22], CD0 can be approximated using
Equation 8.22 in which Cfe is the skin-friction drag coefficient, Swet is the wetted area of the whole aircraft,
Sref is the wing reference area. Specifically, the variable Cfe is derived from statistics and only based on the
aircraft type. Compared to the available reference aircraft types fromRaymer’s textbook [22], the XV-25 Griffin
is assumed to be a civil transport with Cfe equals to 0.0030 and Swet/Sref is estimated to be 5 which leads to
a total CD0 of 0.015.

CD0 = Cfe
Swet

Sref
(8.22)

8.2.2. Wing Configuration and Planform
Compared to the original concept that is used in the trade-off, the wing planform undergoes several significant
improvements. The most noticeable modification is the change from a triangular closed wing to a rectangular
closed wing as shown in Figure 8.8, which is expected to offer a number of advantages. Aerodynamics-wise,
the change helps with increasing the span efficiency factor e; thus, lowering the induced drag. Additionally, it
minimizes the aerodynamic interference between the wing itself and the rotor. There are also structural benefits
that are clarified in chapter 10.
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Figure 8.8: Wing Geometry of the XV-25 Griffin

Parameter Unit Value
S ft2 (m2) 315.71 (29.33)
b ft (m) 52.49 (16.00)
AR - 8.73
hw ft (m) 10.50 (3.20)
cr ft (m) 7.43 (2.27)
ct ft (m) 4.59 (1.40)
λ - 0.62

Λc/4
◦ -30

cmac ft (m) 6.14 (1.87)

Table 8.5: Planform Parameters for Each Wing.

The wing configuration and planformwere to a large extent driven by structural considerations. In particular, the
requirement that the rotor blades could be lowered into the upper wing proved to be an important factor. Because
the rotor has 3 blades a wing quarter-chord sweep Λc/4 of 30◦ aft or forward was required, where forward was
chosen so that the third blade could fit in the back of the fuselage. The wingspan b was set such that the blades,
which are retractable to 2/3 of their original radius, could be stowed. Similarly, the ct was chosen to be greater
than the rotor blade chord at that point. The height hw between the two wings is based on the fuselage structure.
All other planform parameters are calculated based on these and given in Table 8.5.

8.2.3. Wing Airfoil Selection
The goal of the airfoil selection process is to optimize the aerodynamic performance of the wing during critical
flight phases while ensuring that all structural and performance requirements can be met.

Selection Criteria
In order to perform a trade-off of different airfoils, the most important selection criteria are established. The
aerodynamic performance should be optimized for the most fuel-intensive mission segment, which for this
vehicle is the cruise phase as it takes the longest time. To this end, the drag should be minimized while still
meeting the lift coefficient required for cruise flight, CLdes

. The airfoil’s minimum drag Cdmin
should be as

small as possible and be located at a Cl close to the Cldes for optimal benefits during cruise. The drag bucket
around Cdmin

should also be as large as possible to allow for low drag over the full range of weight and CG
values.

Furthermore, the airfoil should have as high a maximum lift coefficient, or Clmax , as possible. At the very least
it should be high enough that the requirements on stall speed are met, which stem from the speed at which the
transition into fixed-wing mode must be completed. In the event that stall is reached, airfoils with a gradual
decrease in Cl beyond Clmax are desirable, as this leads to benign stall characteristics for the aircraft.

The value of the airfoil’s pitching moment coefficientCmc/4
has significant implications for the trim drag during

cruise, as a more negativeCm will lead to greater trim drag. Its value in cruise should thus be as low as possible.
While this criterion is less important than those previously mentioned as it can be countered through the sizing
of the horizontal tail, this will also have negative consequences for the weight and is ideally avoided.

The most efficient flight occurs where the lift-to-drag ratio is maximized (L/Dmax) so this value should be as
high as possible. However, in practice, this occurs at an angle of attack different from that of the Cldes . It is
therefore desirable to have as small a margin between these two angles of attack as possible.

Structurally, the wing should be as thick as possible because this allows for a taller spar, lowering the bending
stresses and ultimately leading to a lighter wing structure. It also allows for a greater volume of fuel to be stored
in the wings. A high thickness over chord ratio t/c is thus wanted.

Finally, the airfoil’s transonic performance should be considered. The requirements for a cruise speed of 450 kts
and an associated maximum speed of 495 kts at cruise altitude lead to values of the free-stream Mach number
M∞ located firmly within the transonic regime. Care must be taken that the drag divergence Mach number
Mdd of the airfoil is not exceeded as this would lead to a massive increase in drag. Although this effect is to
some extent mitigated by the large sweep angle applied to the wing, which lowers the flow velocity seen by the
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airfoil, it is still an important factor to keep in mind. Practically, the transonic performance sets an upper limit
on the wing thickness as thicker wings have a lower critical Mach numberMcr. It also calls for investigation
into supercritical airfoils that offer higherMcr values at the same t/c and wing sweep.

Flight Conditions
In order to compare the performance of different airfoils across the criteria established above, a number of
requirements must be calculated.

The first of these is the design lift coefficientCLdes
. Asmentioned before, this is thewing lift coefficient required

for the most fuel-intensive mission segment, cruise for the current case. It is calculated using Equation 8.23.
The mission profile contains two cruise phases, the first starting shortly after takeoff and the second ending
shortly before landing. Because of this, there will be a significant weight difference that leads to a variation
in the required lift coefficient. For this reason, CLdes

is calculated at the start and end of the cruise phase and
a range of values is specified. Note that this is the value for an unswept wing. To account for the sweep, the
airfoil lift must be higher following Equation 8.24.

CLdes
=

1

q

{
1

2

[(
W

S

)
start,cruise

+

(
W

S

)
end,cruise

]}
(8.23)

CLswept = CL/ cosΛ2
c/4 (8.24)

To properly compare different airfoils, their parameters must be considered at Reynolds numbers comparable to
the actual flight condition. In this case, the values during the transition, climb, and cruise were calculated, using
Equation 8.25. For transition and climb, the take-off conditions of 2000 ft and 85 F are considered, whereas
for cruise the cruise altitude is used. The average chord c̄ is used for C. The required maximum lift coefficient
CLmax is calculated based on the condition immediately after the rotor has been stowed using Equation 8.26,
withW equal to the MTOW and the velocity Vtrans of 150 kts.

Re =
ρV C

µ
(8.25) CL =

2 ·W
ρ · V 2 · S

(8.26)

Finally, the Mach number at the design maximum speed of 495 kts is calculated to be 0.81. Correcting for the
sweep angle withMswept =M/ cosΛc/4, the airfoil must thus reach drag divergence no earlier thanM = 0.7.
From Torenbeek, it can be approximated thatMdd =Mcr + 0.03 soMcr should be at least 0.67.

Airfoil Tradeoff
As the number of existing airfoil profiles is nearly limitless, a structured approach had to be taken to come up
with a shortlist of viable candidates for this aircraft’s wings. Based on the aerodynamic requirements, several
airfoil databases as well as literature were searched for airfoils with good transonic performance. Two sources
proved particularly useful. The Theory of Wing Sections by Abbott and Van Doenhoff contains a large collection
of NACA airfoils alongside their experimentally determined polars, which allowed for a rapid evaluation of an
airfoil’s potential in the current application [23]. The UIUC Airfoil Coordinates Database also listed many
airfoils with good transonic performance that have seen commercial application 1.

The NACA 4- and 5-digit series were quickly eliminated as they did not have the required transonic performance
at the thicknesses that were needed [24]. However, the 6-series showed promise due to its low drag at the design
condition, which is a result of a larger part of the chord experiencing laminar flow. The nomenclature of the
6-series allowed for a rapid selection of candidates, as it specifies the airfoil’s design lift coefficient, drag bucket
width, and thickness. Ultimately, profiles were considered with a t/c = 15 − 18%, to take advantage of the
structural benefits of thicker wings while still having good enough transonic performance. By choosing the
Cldes = 0.4 − 0.6, the minimum drag point is located around the cruise condition. Where possible, the drag
bucket parameter was chosen to be as high as possible. Experimental data on these airfoils was retrieved from
Abbott and Van Doenhoff [23].

1https://m-selig.ae.illinois.edu/ads/coord_database.html-22-1-2023

https://m-selig.ae.illinois.edu/ads/coord_database.html - 22-1-2023


8.2. Fixed Wing Analysis 39

TheRAE2822, NLR7301 [25] andCAST 10-2/DOA-2 [26]were all designed specifically to have good transonic
performance. As such, they were included in this comparison. The BACXXX airfoil was designed by Boeing
for NASA’s Energy Efficient Transport Program [27], and therefore served as a good candidate for a transonic
transport aircraft. Lastly, the NLF(1)-0416 natural laminar flow airfoil was considered as it was designed to
have low drag at a cruise Cl = 0.4 similar to the current design, but with a reasonable thickness and relatively
high Clmax [28]. For the RAE2822, NLR7301 and BACXXX, not all of the required experimental data could
be found. In these cases, the airfoil profile was imported into XFOIL, and analysis was run using comparable
Reynolds and Mach numbers [29].

To find theMcr of the airfoils where no transonic performance data was available, the method from Gudmunds-
son was used [24]. First, the low-speed, incompressible minimum pressure coefficient Cp0 is calculated using
XFOIL. Then, a compressibility correction is applied to find the minimum pressure coefficient Cpmin at higher
Mach numbers. The Karman-Tsien correction, given by Equation 8.27, was chosen for its greater accuracy than
other methods [24]. Lastly, the whole is set equal to Equation 8.28, which gives the pressure coefficient at
which the minimum pressure point reachesM = 1, and solved forMcr.

Cp =
Cpo

√
1−M2 +

(
M2

1+
√
1−M2

)
Cpo

2

(8.27) Cpcr =
2

γM2
cr

{[
2

1 + γ

(
1 +

(γ − 1)

2
M2

crit

)] γ
γ−1

− 1

}
(8.28)

The final tradeoff is performed in Table 8.6, based on the method by Gudmundsson [24] where rows ID are
used for scoring and winning cells are colored green. Note that when comparing Cl to the desired CL values,
they must be lowered by a factor of 0.85-0.9. Scores are given for the different selection criteria established
previously. In the end, the airfoil with the greatest total score is selected as the winner, with the caveat that the
Mcr must meet its target value. If this is not the case, the aircraft will experience drag divergence below its
design maximum speed and not achieve the required performance.

While the scores are very close, the NACA 653618 airfoil comes out as best. However, due to its t/c of 18%,
it has a rather lowMcr which fails to satisfy the requirement. Therefore, the next best candidate is chosen that
does have viable transonic performance: the NACA 652415.

The only requirement for the winglet airfoil is that it is symmetric so that the lift being generated follows the
optimal lift distribution. For this reason, NACA 0012 is chosen.

8.2.4. Lift Estimation
With the airfoil profile of the wings being known, a first version of the wing CL−α curve can be generated. As
a first step, the 3D wing lift curve slope is estimated. Compared to the 2D airfoil case, its value is reduced due to
the influences of aspect ratio, compressibility, and sweep. These factors are taken into account in Equation 8.29,
which is a semi-empiric relation based on the DATCOMmethod [30]. It is accurate up until the drag divergence
Mach number. The parameter β is found using Equation 8.30. For the airfoil efficiency factor η, a standard
value of 0.95 is taken in lieu of experimental data on the relation between Clα andM . The wing lift curve slope
is 5.174 1/rad at cruise and 4.299 1/rad at stall.

dCL

dα
= CLα =

2πAR

2 +

√
4 +

(
Aβ
η

)2
·
(
1 + tan2 Λ0.5C

β2

) (8.29)
β =

√
1−M2

∞ (8.30)

The linear part of the wing CL − α curve can now be generated using Equation 8.31, where α0L is equal to the
previously found value for the airfoil of -2.6◦. In order to determine the wing incidence, the design trim angle
was found using Equation 8.32. It varies between -0.5 and 0.5◦, depending on the point along the cruise phase
being considered.

CL = CLα · (α− α0L) (8.31) αtrim =
CLdes

CLα

+ α0L (8.32)

The maximum lift coefficient for the wing CLmax is initially estimated using the DATCOM method [30]. First,
the aspect ratio is compared to Equation 8.33 to see if the high aspect ratio procedure should be used, where C1
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Table 8.6: Airfoil Selection Trade-off for the Wings

ID Parameter 63
(2
)-6

15

65
(2
)-4

15

65
(3
)-6

18

R
A
E
28
22

B
A
C
X
X
X

C
A
ST

-1
0-
2

N
L
R
73
01

N
L
F(
1)
-0
41
6

Restall 8.7 · 106
Recruise 17.4 · 106
Target CLmax 1.41
CLdes

0.26-0.36
TargetMcr 0.67

1 t/c 0.15 0.15 0.18 0.121 0.113 0.12 0.165 0.16
Re for data be-
low

9 · 106 9 · 106 9 · 106 9 · 106 9 · 106 30 · 106 9 · 106 9 · 106

2 Clα=0 0.4 0.3 0.45 0.23 0.21 0.31 0.3 0.44
αL=0 -3.7 -2.6 -4 -1.9 -1.8 -2 -2.3 -3.7

3 Clmax 1.67 1.57 1.66 1.66 1.69 1.03 2.14 1.92
4 α of Clmax 15.5 16.5 21 15.6 16.5 6.5 21 15.5
5 Stall character-

istics (A, B, C)
A A A B B A B C

6 Cdmin
0.0048 0.0042 0.0044 0.0047 0.005 0.0073 0.006 0.0052

7 ClminD
0.41 0.38 0.5 0.1 0.3 0.3 0.3 0.6

8 (Cl/Cd)max 133 144 183 115 133 61 122 155
9 Cl of

(Cl/Cd)max

0.8 0.65 0.95 1.1 1.1 0.52 1.48 0.93

10 Cmcruise -0.113 -0.07 -0.112 -0.066 -0.04 -0.072 -0.079 -0.11
Drag bucket
start Cl

0.15 0.2 0.2 -0.01 0.17 0 0.2 0.36

Drag bucket end
Cl

0.7 0.6 0.8 0.2 0.4 0.5 0.35 0.9

11 CLdes
in drag

bucket?
Y Y Y N N Y N N

12 Mcr 0.658 0.681 0.625 0.715 0.656 0.77 0.75 0.628
Total Score 3 4 7 0 1 3 2 1

is a correction factor based on the taper that is found from Figure 8.9 to be 0.486.

A >
4

(C1 + 1) cosΛLE
(8.33)

For a NACA 65-series airfoil, the leading edge sharpness parameter ∆y is equal to 19.3t/c, giving a value of
2.895 [22]. With the leading edge sweep ΛLE of 27.5 ◦, the ratio of the maximum wing lift coefficient to the
maximum section lift coefficientCLmax/Clmax can be found along the∆y ≥ 2.5 curve and has a value of 0.799.
This is multiplied with the 2D maximum lift coefficient Clmax of 1.6 for a CLmax of 1.28.

CLmax =

[
CLmax

Clmax

]
Clmax +∆CLmax (8.34)
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Figure 8.9: Taper-Ratio Correction Factors for Low-Aspect-Ratio Wings [30].

Figure 8.10: Ratio of Maximum Wing to Section Lift of
High-Aspect-Ratio Wings [30].

Figure 8.11: Angle of Attack Increment for Subsonic
Maximum Lift of High-Aspect ratio wings [30].

The corresponding wing stall angle αs can be calculated using Equation 8.35. Here, the value of CLα must be
taken at the stall Mach number. The third term on the right accounts for the curved part of the lift curve and is
found from Figure 8.11 to be 3◦. This results in an αs of 17.4◦.

αs =
CLmax

CLα
+ α0L +∆αCLmax (8.35)

High-lift devices
The aircraft requires the highest lift coefficient around the transition phase, as this is the point where velocity is
the lowest. During the wing sizing, a design CLmax of 1.8 and design stall speed of 135 kts Vs were assumed.
The speed at which transition is completed, Vtrans, is directly linked to the stall speed with a safety factor and is
equal to 150 kts. Using the lift equation and the MTOW at take-off conditions, the required CL at the transition
speed of 150 kts is 1.39. When comparing the calculated value of CLmax to the lift coefficients required at
the stall and transition speeds, it is clear that the clean wing does not produce enough lift. The maximum lift
coefficient also occurs at an α of 17.4◦ and so would require a strong pitch-up maneuver to go from rotary-wing
to fixed-wing mode. To solve these problems, the use of high-lift devices is investigated.

There are many different mechanisms to increase the CLmax of a wing, that can be broadly categorized into
leading- and trailing-edge devices. The latter do so through the effect of delaying stall, which mainly makes
them useful at high angles of attack that are preferably avoided during the transition phase. This leaves trailing-
edge flaps, of which there are several different types. Non-extending flaps tilt to increase the camber, which
shifts the zero-lift angle of attack left and increases the maximum lift. Extending flaps have the additional
benefit of increasing the effective area of the wing, increasing the lift curve slope [22].

Two other criteria restrict the choice of high-lift devices: weight and rotor download on the wing. The most
effective flaps are mechanically complex, making them heavy and thus undesirable. More important, however,
is the rotor download. As is detailed in subsection 9.1.1, the rotor performance during hover flight is affected
by the wing below it, with approximately 18% of thrust being lost to download. This loss of efficiency can be
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lowered to 11% by deflecting flaps, as this decreases the area of the wing located below the rotor. For this reason,
any extending flaps are undesirable, since these have the opposite effect of increasing the wing area. With split
flaps, the area impinging on the rotor downwash remains the same so they are also not desired. Finally, plain
flaps were chosen over slotted flaps as the former proved sufficient and use a simpler mechanism.

Experimental data on the aerodynamic characteristics of the NACA 652415 with a split flap deflected 60◦ are
directly available [23]. Split flaps produce lift increases that are nearly identical to those of plain flaps, so this
data gives good insight into the performance of the flapped wing [22]. The zero-lift angle of attack αL=0 moves
to −14◦, the zero-angle of attack lift Clα=0 increases to 1.75 and the Clmax increases to 2.6. When using the
previously found section-to-wing lift ratio CLmax/Clmax of 0.799, this results in a CLmax of 2.08. Because this
is greater than the design value of 1.8, the actual stall speed will be lower than the assumption of 135 kts with
a new value of 121.6 kts. It is evident that the lift coefficients at both the design stall and transition speeds can
easily be reached with the current airfoil and flap combination, at relatively low angles of attack.

One final issue concerns the short segment of the transition maneuver when the stowage mechanism in the wing
opens its doors as the rotor is being lowered into it. This will lead to a temporary disruption of the flow over
the upper wing and consequently a loss of lift. While it is difficult to quantitatively assess the effects of this
lift reduction without a detailed computational fluid dynamics (CFD) analysis, a qualitative estimate can still
be made.

5 0 5 10 15 20 25
 [°]

0.5

0.0

0.5

1.0

1.5

2.0

C l
 [-

]

Clean
Slot only
Slot, f = 45°

Figure 8.12: Lift Curves for the NACA 652415 Profile in Clean
Configuration, with a Slot Cutout for the Rotor Blade and with
both a Slot and a Plain Flap Deflected by 45◦, Re = 8.7 · 106,
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Figure 8.13: Drag polar for the NACA 652415 Profile in Clean
Configuration, with a Slot Cutout for the Rotor Blade and with
both a Slot and a Plain Flap Deflected by 45◦, Re = 8.7 · 106,

M = 0.146

To do this, the upper wing’s NACA 652415 airfoil is loaded into the XFLR5 Direct Foil Design interface. A
slot is then cut into the upper surface, using the size comparison between the average rotor blade chord c̄blade
and the upper wing cmac as shown in Figure 8.14. The edges are smoothed to remove any sharp corners that
will strongly affect the aerodynamic analysis. On the slotted profile, a plain flap is added along a length of 0.2c.
Flap deflections from 30 to 60◦ were considered. All variants beyond 40◦ showed similar Clmax , but a δf of
45◦ was chosen as this offered the greatest α range with high lift. An aerodynamic analysis was then run on the
three airfoils at the stall speed conditions of Re = 8.7 · 106 andM = 0.146.

Figure 8.14: Geometry of the NACA 652415 Airfoil with the Slot for the Rotor Blade Cut Into It, Compared to the Original Profile.

The resulting lift curves from this comparison are shown in Figure 8.12. As expected, the slotted profile has
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lower Cl values over the entire range of α and stalls at a lower Clmax . However, with the deflection of flaps the
Cl increases again, up to values higher than for the unslotted and unflapped profile. From Figure 8.13, it can be
seen that the slot causes the drag to increase by one order of magnitude compared to the clean configuration.

The CLmax associated with the slotted wing would be lower than the value of 1.4 required to fly at the transition
speed, making the maneuver impossible. However, as the flaps are deflected CL will increase up to and beyond
the required value. While there will be a very significant increase in drag this is not a cause for concern because
there is a great excess of thrust at the transition speed, the increased drag is limited to the upper wing, and there
is an allowed deceleration margin of more than 25 kts before the stall speed is reached.

In the future, the effects of carving a slot into the wing should be quantified using high-fidelity CFD analysis
and wind tunnel testing.

Wing Twist Optimization
The distribution of lift over a wing is not uniform but varies along the span as each section produces a different
lift coefficient. By modifying the lift distribution, an aircraft designer can improve the aerodynamic efficiency
of a given wing planform, achieve a more beneficial load distribution and improve the stall behavior [24].

In the ”best wing system” box-wing, as originally devised by Prandtl, minimum induced drag is achieved when
each wing generates the same amount of lift and the distribution over the winglets is butterfly-shaped so that they
produce a net lift of zero and no induced drag [31]. This was confirmed by Frediani, and the lift distribution on
the wings consists of an elliptical and constant part [32]. According to Kroo and Demasi, the lift share can also
be unequal and still achieve minimum induced drag, but for the purposes of this analysis, the simpler solution
of an equal lift share was desired [33], [34].

To influence the lift distribution towards the optimal case, a wing twist is employed. There are two types of
twist: geometric twist, where different sections of the wing are placed at a different angle of incidence compared
to the root, and aerodynamic twist, where different airfoils are used across the wing [24]. For simplicity, only
the geometric twist ϕG was considered here. The difficulty in optimizing the aerodynamics of a box wing lies
in the fact that different twist distributions are needed across the lower and upper wings, due to the effects their
down and upwash have on each other.

To determine what the optimal wing twist is for this aircraft, the lift distribution must first be determined. Typ-
ically, this is done using CFD analysis but these require detailed grids which makes them computationally
expensive and thus time-sensitive. Instead, a method will be used based on lifting-line theory, requiring only a
fraction of the computational power.

In Prandtl’s classical formulation of this theory [35], the wing is represented by a large number of horseshoe
vortices, consisting of bound vortices being located along a lifting line and a trailing vortex sheet. These trailing
vortices generate induced velocities at points along the wing according to the Biot-Savart law (Equation 8.36)
[16]. The lift generated by each spanwise section of the wing is considered equivalent to that generated by
an infinite wing with the same circulation and found using the two-dimensional Kutta-Joukowski theorem
(Equation 8.37). The first analytical solution, consisting of a series of sines, was given by Glauert [36]. An-
derson provided a numerical scheme and incorporated non-linearity of the relation between α and Cl [37].

dV =
Γ

4π

dl× r
|r|3

(8.36) L′(y) = ρ∞ · V∞ · Γ(y) (8.37)

However, these methods become inaccurate for wings with sweep and dihedral. Phillips and Snyder were able to
mitigate this problem and come up with a new numerical lifting-line method by applying the three-dimensional
vortex lifting law and taking into account the velocities induced by the bound vortices [38]. Their method is
particularly useful because it can be generalized to multiple lifting surfaces, such as two wings placed on top of
each other, and was therefore chosen to be used here. A brief description is given below.

V j = V ∞ +

N∑
i=1

Γivij

c̄i
(8.38) αi = tan−1

(
V i · uni

V i · uai

)
+ αt + αg (8.39)

First, a span-wise grid of nodes is generated using cosine clustering to efficiently handle the large change in
vorticity near the wing tips and root. Horseshoe vortices are placed between the nodal points and control points
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are placed midway between the nodes, on the lifting line. The total velocity at a control point on a horseshoe
vortex is the vector sum of the free-stream velocity and the induced velocity of all vortices acting on this point,
given by Equation 8.38. vij is a dimensionless induced velocity defined in [38].

dF i = ρΓiV i × dli (8.40) |dF i| =
1

2
ρV 2

∞Cli(αi)dAi (8.41)

The local angle of attack α at i is found using Equation 8.39, where uni and uai are defined in Figure 8.16. This
α is used to find the sectional lift coefficientCl from 2D airfoil data. Using the relations given by Equation 8.40
and Equation 8.41 for the differential force on a section and non-dimensionalizing with the free-stream velocity,
the system of non-linear equations given by Equation 8.42 can be derived, with one equation per control point.
To get the vector of residuals R below the convergence threshold, the Newton corrector equation given by
Equation 8.43 is used. [J ] is the matrix of partial derivatives ∂Ri

∂Gj
. An improved estimate of the dimensionless

vortex strengthG is then found with Equation 8.44, where Ω is a relaxation factor.

Figure 8.15: Geometric Definitions for a Horseshoe Vortex
[38].

Figure 8.16: Orientation of Vectors on the Local Airfoil
Section [38].

R = 2

∣∣∣∣∣∣
v∞ +

N∑
j=1

vjiGj

× ζi

∣∣∣∣∣∣Gi − Cℓi (αi, δi) (8.42) [J ]∆G = −R (8.43)

G = G+Ω ·∆G (8.44)

In this form, the method returns unexpected results for the region around the wing root, as described in more
detail in section 8.3. Phillips and Snyder ignore this behavior as it does not affect the convergence of their results,
which are still largely correct. However, in the case of forward-sweep, the method diverges so a solution must
be found. After careful consideration and validation with wind tunnel data, detailed in section 8.3, a correction
method was determined. From 40 to 60% of the span, the value of α is set equal to that at the 40% point. This
correction is based on the approximate value seen in actual lift distributions of forward-swept wings [24] but
currently has no theoretical foundation.

Although the current lifting-line method should theoretically be capable of analyzing a fully closed box-wing,
there will be discrepancies at each intersection of surfaces that strongly influence the resulting distribution, the
effects of which cannot currently be validated. Instead, a biplane configuration is considered, as this leads to
very similar distributions over the wing with only a slightly reduced span efficiency factor of 1.36 compared to
1.46, as illustrated in Figure 8.17 and Figure 8.18. The value of e obtained by the numerical method is thus an
underestimate of the actual efficiency achieved when the winglets are taken into account.

The method is repeated for a linearly varying ϕG and optimized to find the ideal wing twist. To determine
what the optimum distribution is, the objective function of the spanwise efficiency factor e is taken as given by
Equation 8.45 [40]. As the twist of the upper and lower wing are different, this is now a multi-variate function.
Another factor to keep in mind is the stall behavior. If the tips stall before the root, this can result in a loss of
control.
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Figure 8.17: Lift Share Over Box Wing for h/b = 0.2 [39]. Figure 8.18: Lift Share Over Biplane with h/b = 0.2 [39].

e =
C2
L

π ·AR · CD
(8.45)

Figure 8.19 shows the distribution of circulation over the two wings for the cruise condition, where the aircraft
flies at αtrim, without any twist applied. The section lift coefficients are shown in Figure 8.20. It can be seen
that the lift on the lower wing is mostly located inboard, as is expected for a forward-swept wing [24]. On
the upper wing, the lift is higher due to the upwash caused by the lower wing. This is also reflected in the
lift coefficients. In its untwisted state, this wing would experience poor stall behavior. Note the straight lines
around the wing root, which are caused by the correction method that was used.
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Figure 8.19: Lift Distribution Over the Upper and Lower
Wings for the Cruise Condition and No Wing Twist.
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Figure 8.20: Section Lift Coefficients Over the Upper and
Lower Wings for the Cruise Condition and No Wing Twist.

The optimal twist distribution consists of a 1.1◦ washout on the upper wing and 0.7◦ washing on the lower wing.
To ensure that the lift shared by each wing is similar, the upper wing is placed at a relative incidence angle iu of
0.65◦ greater than the lower wing, which shifts the lift distribution up by a constant value. Figure 8.21 shows
that the lift distributions of both wings are now much more similar and the lift has shifted inboard for the upper
wing compared to the untwisted case. From the section lift coefficients, plotted in Figure 8.22, it is confirmed
that this solution is fairly close to the ideal case, where the sectional lift coefficient is constant. Importantly,
however, care was taken to ensure that the inboard lift coefficients are greater than the outboard and will thus
stall earlier.
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Figure 8.21: Optimized Lift Distribution Over the Wings
for the Cruise Condition with 1.1◦ Washout on the Upper

Wing and 0.7◦ Washin on the Lower Wing.
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Figure 8.22: Optimized Section Lift Coefficients Over the
Wings for the Cruise Condition with 1.1◦ Washout on the

Upper Wing and 0.7◦ Washin on the Lower Wing.

Finally, the lift curve slope of the wing was calculated and found to have a value of 5.116 1/rad. This is very
close to the cruise value of 5.174 1/rad from the DATCOM method presented in subsection 8.2.4. The CL at
cruise was found to be 0.299. These results indicate that the lift estimates provided by the lifting-line method
are fairly accurate for this aircraft. The same cannot be said for the induced drag coefficients, however, as these
are an order of magnitude too low. This is again an artefact of the ill-defined lifting-line definition near the root
that caused previous issues, as detailed in section 8.3. Unfortunately, this means that the spanwise efficiency
factor e cannot be accurately calculated at this time.

In the future, it is recommended that a twist distribution parameterized by more variables is implemented. The
greatest potential for improvement, however, lies in a better definition of the lifting line near the root as this
is the main cause of errors in the results. In this regard, recent research by Goates and Hunsaker is promising
[41]. If this issue is solved, the analysis can likely be extended to the full box-wing geometry. Other areas of
improvement include adapting the analysis to beyond stall [37], [42], better account for transonic effects, and
considering the interactions of fuselage, tail, and wings [43].

8.2.5. Drag Estimation
Similar to lift, drag is an aerodynamic force but instead of pushing the moving body forward, drag provides
resistance that prevents the object from moving. Typically, it is objective to minimize the drag, especially
during climb and cruise. Consequently, it also has a negative snowball effect on the structural and fuel weight
of the aircraft. This section introduces a basic drag model that is used to estimate the drag of the XV-25 Griffin.
According to Gudmundsson [24], different kinds of drags can be classified into pressure drag CD0 , skin friction
dragCDf

, induced dragCDi , wave dragCDw , and miscellaneous dragCDmisc . Usually, except for induced drag,
the other terms are combined and referred to as minimum drag coefficient CDmin as shown in Equation 8.46 so
the final drag model can be described using Equation 8.47.

CDmin = CD0 + CDf
+ CDw + CDmisc (8.46) CD = CDmin + CDi (8.47)

Minimum Drag Coefficient
The whole procedure to utilize the Component Buildup Method described by Raymer [22] to perform the drag
estimation is summarized in Figure 8.23. In the mentioned method, the aircraft is divided into different com-
ponents such as the wing, the fuselage, and the tails, and each of them is evaluated separately as formalized in
Equation 8.48 [22]. In Equation 8.48, the subscript c indicates that the values are meant for each component.
From left to right, Cf is the flat-plate skin friction drag coefficient, FF is the component form factor, IF is
the component interference factor, Swet is the wet surface area and Sref is the wing surface area. Apart from
those, CDwave is the wave drag on projectiles moving at transonic or supersonic speeds due to the presence of
shock waves, and CDmisc considers miscellaneous drag resulting from non-smooth surfaces or the upswept aft
fuselage.

CDmin =
ΣCfcFFcIFcSwetc

Sref
+ CDwave + CDmisc (8.48)
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Figure 8.23: Procedures to Perform Drag Estimation

The flat-plate skin friction drag coefficient Cf heavily depends on the Reynolds number and the type of the
boundary layer. The laminar boundary layer (Re < 2300) is characterized as a thin layer with lower friction
while the turbulent boundary layer (Re > 4000) is thicker and has higher friction [23]. To perform the calcu-
lation shown in Equation 8.50, the first step is to determine the viscosity of air so the Reynolds number can
be obtained using Equation 8.49 and Equation 8.25 where T is the temperature in Kelvin and C denotes the
characteristic length. It should be pointed out that the characteristic length is different between the root chord
and the tip chord for the wing, so they consequently have different Reynolds numbers.

µ = 1.458 · 10−6T 1.5 1

1 + 110.4
(8.49) Cf =

{
1.328√

Re
Laminar

0.455
(log10 Re)2.58(1+0.144M2)0.65

Turbulent
(8.50)

In Equation 8.50 [22], it is worth noticing that the coefficient is either completely laminar or turbulent while
there also exists the transition process when the laminar boundary layer becomes turbulent which results in a
mixed boundary layer. Therefore, assumptions regarding the proportion of each boundary layer as well as the
transition point have to be made.

• For the wings, the NACA 652 − 415 airfoil is chosen; since the NACA 6-series airfoils are designed
with an emphasis on maximizing laminar flow, literature [24] suggests that it can maintain up to 60% of
laminar flow for the upper surface and up to 50% for the lower surface.

• For the tails, the symmetrical NACA0012 is chosen with the motivations further clarified in chapter 11,
but it is assumed to have a laminar proportion of 50%.

• For the fuselage, only the weighted average of the laminar and turbulent proportion is used because the
majority (about 90-95% [44]) of the boundary layer is turbulent so the effect of the transition process is
negligible.

The transition point and skin friction coefficient of the mixed region can be calculated using Equation 8.51 and
Equation 8.52 [24] with Xtr/C is the assumed laminar flow coverage and XC/C is the exact location of the
transition point along the chord. Then the total skin friction drag coefficient of the component is simply the
average of the upper and lower surfaces of the wing, or the left and right surfaces of the tail.
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X0

C
= 36.9 · (Xtr

C
)0.625(

1

Re
)0.375 (8.51) Cf =

0.074

Re0.2
(1− (

Xtr −X0

C
))0.8 (8.52)

The next factor in the Component BuildupMethod is the form factorFF which takes into account the geometric
shape of the components. For the wings and tails, the form factor is based on the thickness-to-chord ratio t/c
with a compressibility correction term as shown in Equation 8.53. For the fuselage, Raymer [22] presents the
fineness ratio f = lfuselage/dfuselage to calculate the form factor by using Equation 8.54. The values for these
calculations are taken from subsection 8.2.2 and chapter 7.

FF = (1 +
0.6

(x/c)max

t

c
+ 100(

t

c
)4) · (1.34M0.18(cosΛtmax)

0.28)

(8.53)

FF = 1 +
60

f3
+

f

400
(8.54)

There is also the effect of one component on another, for instance, the connections between the wings and the
fuselage, which is corrected in the Component Buildup Method by the interference factor IF . However, this
factor has to be multiplied for each component (so the lower and upper wing has to be multiplied separately)
and it does not take into account additional drag due to early flow separation because of poorly designed wing
or fuselage [24]. The values for IF are determined statistically from reference [22], [24].

The wetted surface area of the components is estimated based on the actual exposed area with an area booster
factor as shown in Table 8.7. The exposed areas are estimated by exploiting the created CAD model which was
impossible during earlier design phases since a concept was not finalized before the trade-off. Correspondingly,
the results are more accurate and comparable to real aircraft because the XV-25 Griffin has a very specific shape
rather than the ones used in the statistical method (paraboloid cockpit, elliptic cylinder fuselage, and cone tail).

Table 8.7: Basic Drag Calculation

Unit Upper Wing Lower Wing Horizontal Tail Vertical Tail Fuselage
Cf - 0.00165 0.00165 0.00171 0.00172 0.00178
FF - 1.644 1.644 1.473 1.454 1.358
IF - 1 1.4 1.13 1.13 1
Swet ft2 (m2) 533(49.5) 533(49.5) 362(33.6) 95.4(8.862) 2260(210)
CD0 - 0.00229 0.00321 0.00163 0.000427 0.00866

Table 8.7 summarizes the basic minimum drag coefficient CD0 of different components. When summing them
up, the value of the vertical tail is multiplied by three to take into account the drag contribution of the vertical
connection between the upper and lower wings which both have an approximately similar surface area (45.2
ft2 vs 47.4 ft2).

Generally, when the aircraft approaches the speed of sound, the corresponding drag coefficient increases signif-
icantly. While the exact location (drag-divergence Mach numberMdd) depends on the geometry of the aircraft,
a relative factor CDwave has to be taken into account for this effect. The wave drag can be calculated using
Equation 8.55 [45] and Equation 8.56 [44]. Applying the formulas gives a wave drag value of 0.008 which is
considered acceptable since the XV-25 Griffin is not designed to be a supersonic vehicle and the cruise speed
is only in the subsonic regime.

Mdd =Mcruise + 0.03 (8.55) CDwave = 0.002(1 + 2.5
Mdd −M

0.05
)−1 (8.56)

The miscellaneous drag CDmisc is finally added to compensate for details that are overseen in the calculations
of each component. Specifically, it originates from the fuselage where the form factor formula (Equation 8.54)
only considers the maximum length and diameter of the fuselage but the actual geometry has a notable upsweep
angle at the aft of the fuselage to load the payload which could produce a large amount of drag if it is not designed
properly. Additionally, the drag that comes from the cockpit window can also be calculated separately.

• Aft fuselage upsweep drag is evaluated based on the method described by Kroo [46]. The correlation
between the mentioned drag and the fuselage geometry can be characterized by the vertical displacement
of the fuselage centerline in the tail cone above the fuselage reference plane as shown in Figure 8.24. To
minimize the effects of modifications at the very end of the fuselage, the measurement is performed at
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75% of the total upsweep length as shown in Equation 8.57. Using the parameters obtained from the CAD
model, CDupsweep is estimated to be 0.00181.

CDupsweep = 0.075(h/l)0.75lt (8.57)

Figure 8.24: Geometry of Fuselage Upsweep Drag Estimation [46]

• Similarly, the front of the fuselage has to be designed to fit conventional cockpit windows as visualized
in Figure 8.25. It provides the crews with visibility and makes it safer to operate the aircraft, especially
during the hovering stage of the mission profile. However, a high-pressure region is created due to dis-
continuity resulting from the geometry’s reduced speed. The additional drag to correct this issue can be
computed using Equation 8.58 where CDS

depends on the type of window and Amax is the maximum
frontal area of the fuselage. For the XV-25 Griffin, it is assumed to have curved windscreens with a round
upper edge whose CDS

value is estimated to be 0.002 [24]. Eventually, the drag raises by approximately
0.000310.

CDwindow
= CDS

· Amax

Sref
(8.58)

Figure 8.25: Ideal and Actual Front Fuselage Geometry [24]

• An obvious drawback of the Component Buildup Method is that it only isolates the major components
of the aircraft for drag estimation whereas the actual assembly consists of several other design details
such as landing gears, antennas, or connection joints. At this design phase where the low-level designs
(number of antennas or surface finish) are yet to be decided, these details are taken into account by the
Cumulative Result of Undesirable Drag (CRUD) factor which is suggested to be 20 to 25% by references
[24]. Considering the wave drag and extra drags from the fuselage have been calculated separately, a
factor of 15% is used for the XV-25 Griffin.

To conclude the section, the overall results of the minimum drag coefficient analysis are tabulated in Table 8.8
and the final drags breakdown structure among the components is illustrated in Figure 8.26. It is here assumed
that the blades are successfully stowed in the fuselage and the upper wing so there are no rotor-related drags.
By adding CDw into CDmisc for visualization purposes and acknowledging that a large portion of CDmisc also
comes from the fuselage, it can be pointed out that the majority of the drag contribution originates from the
wing and the fuselage where the fuselage is the draggiest component. This contradicts conventional airliners
where the wing usually contributes the most to the drag but seems reasonable for the specific case of the XV-25
Griffin since it has a relatively small wing surface area compared to passenger aircraft. Nevertheless, at the
clean configuration during cruise, the CDmin of the XV-25 Griffin is comparable to 0.024 of the Boeing-737 or
0.023 of the Airbus-A320 [47].



8.2. Fixed Wing Analysis 50

Wing
33.0%

Tail

7.6%

Miscellaneous

15.0%

Fuselage44.4%

Component Drag Breakdown

Wing
Tail
Miscellaneous
Fuselage

Figure 8.26: Component Drag Breakdown Structure of the XV-25 Griffin

Drag Value
CDupper−wing 0.00229
CDlower−wing

0.00321
CDhorizontal−tail

0.00163
CDvertical−tail

0.000472
CDfuselage

0.00866
ΣCDf

0.0166
CDwave 0.0008
CDmisc 0.00212
ΣCD 0.0195
CRUD 15%
CDmin 0.0226

Table 8.8: Drag Analysis Results

Induced Drag
To visualize the drag polar and complete the drag estimation, it is necessary to also analyze the induced drag
CDi which is the drag due to lift. For a conventional fixed-wing system, the induced drag can be calculated
using Equation 8.59 where CLminD

is to calculate the effect of cambered airfoils if existed, and Equation 8.60
[22] where e is the span efficiency factor to include the 3D wing effects.

CDi =
(CL − CLminD

)2

πARe
(8.59) e = 1.78(1− 0.045AR0.68)− 0.64 (8.60)

However, since Prandtl’s ”best wing system” as described in subsection 8.2.2 was integrated into the XV-25
Griffin, the value of e changes considerably. In 1924, Prandtl proposed Equation 8.61 [31] to calculate e with-
out further explanation where G is the vertical distance between the upper and lower wings as visualized in
Figure 8.27 to identify the vertical aspect ratio G/b. Similarly, in 2005, Kroo [33] introduced a span efficiency
value of 1.46 for rectangular closed wings assuming a vertical aspect ratio of 0.2 and designs are optimally
twisted. To double-check these values, a new formula proposed and validated in the wind tunnel by Demasi et
al. [48] as shown in Equation 8.62 was utilized. In order of appearance, the results of the span efficiency factor
are 1.47, 1.46, and 1.46, respectively. It can be seen that there is little deviation among studies for the span
efficiency factor; for further calculation, 1.46 is used.

1

e
=

1 + 0.45 · Gb
1.04 + 2.81G

b

(8.61)
1

e
=

1

1 + 1.7433(Gb )
0.823

(8.62)

Figure 8.27: Prandtl’s Best Wing System [31]

Assuming the weight does not vary significantly during cruise, the drag curve of the XV-25 Griffin after the
transition was visualized in Figure 8.28 where the relationship between CDmin or CDi and the velocity can
clearly be seen. Although the curves are not similar to that of conventional aircraft, as the whole design process
is specifically focused on the high-speed performance of the XV-25 Griffin, the combination of the rectangular
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closed wing and laminar cambered airfoil makes the design very efficient at high speed where the main contri-
bution of the total drag originates from the parasite drag. Similarly, the drag polar describes the relationship
between CL and CD as illustrated in Figure 8.29. At the chosen design cruise point whose lift coefficient is 0.3,
the ratio of CL/CD is approximately 13.5.
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Figure 8.28: Drag Curve of the XV-25 Griffin after Transition
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Figure 8.29: Drag Polar of the XV-25 Griffin

8.3. Verification and Validation
Verification and validation maintain a prominent role in engineering projects, especially ones that involve a
simulation model to replicate the physical responses of a system. This section explains the verification (in
subsection 8.3.1) and validation (subsection 8.3.2), and recommendations if it is unfeasible to perform such
processes at this phase of the project.

8.3.1. Verification
Throughout the project, especially within the Aerodynamic department, several scripts were created to assist
the team in analyzing different related aspects. Therefore, these codes have to be verified to ensure that there
were no errors within themselves. While the majority of the scripts were created within a compiler with the
ability to spot and check for errors, the team also generated extra unit tests and subsystem tests to guarantee that
no errors exist in the system. Additionally, inputs were changed separately to see if the codes behaved as they
expected to, for instance, changing the span efficiency factor would lead to a decrease in the induced drag.

The code for blade design used equations from the book of Raymond Prouty [12] which are widely used by
many institutions and projects and are therefore considered true. Furthermore, the lift distributions over the
blades were compared to other models such as the CAMRAD2 and the small-scale rotor model developed by
Hyun-Ku Lee and their team in joint research with Seoul National University and Korea Aerospace Research
Institute [49].

8.3.2. Validation
Lifting line method
The numerical lifting line method, described in subsection 8.2.4, was extensively verified and validated. As a
first test, its results were compared to those obtained with the classical Prandtl method, for wings of various
aspect ratios. From Figure 8.30, there is a near-perfect agreement between the two methods.

Next, in order to validate the method, its results were compared to wind tunnel experiment data of rectangular
and aft-swept wings. The rectangular wing datawith an aspect ratio of 6.57 comes fromMcAlister and Takahashi
[50]. The swept-wing data comes from Weber and Brebner and concerns a wing with a sweep of 45◦ and an
aspect ratio of 5. Figure 8.31 and Figure 8.32 show the results of this comparison.

For the rectangular wing, the numerical lifting line method again accurately predicts the lift and induced drag
coefficients. In the swept-wing case, the lift coefficients are also accurately predicted, but there is a discrepancy
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in the drag coefficients. According to Phillips and Snyder, this is likely caused by the step change in the direction
of the lifting line at the wing root for a swept wing, which causes a singularity in the induced velocity and leads
to an overestimated drag coefficient [38]. This result does serve as a verification against their method, as they
achieved similar results.
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Figure 8.30: Comparison of the Numerical Lifting-Line Method
for Rectangular Straight Wings of Different Aspect Ratios to

Prandtl’s Classical Theory
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Figure 8.31: Comparison of the Lift Coefficients Calculated by
the Lifting-Line Method to Experimental Data, for a Straight

Wing and a Wing Aft-Swept by 45◦.
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Figure 8.32: Comparison of the Drag Coefficients Calculated by
the Lifting-Line Method to Experimental Data, for a Straight

Wing and a Wing Aft-Swept by 45◦.
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Figure 8.33: Comparison of the Lift Coefficients Calculated by
the Lifting-Line Method, Corrected for the Discrepancy at the
Wing Root, to Experimental Data for a Forward-Swept Wing.

Problems arise when a forward-swept wing is considered. Like the previous case, there is again a singularity
located at the root of the wing, but this singularity now causes the solution to diverge. This behavior was
apparently not caught by the authors of the method. To counter this issue, several different remedies were
considered. First, the section lift coefficients were simply restricted to an arbitrary range of reasonable values.
While this did have the desired effect of converging to a solution, the lift coefficient was overestimated as
the region near the root experiences Clmax , which is not the case in real life. Next, the region near the root
was set to have a constant Cl distribution equal to a point slightly removed from it, at 40% of the span. This
significantly reduced the total calculated CL values, providing a better estimate of the true lift. The correction
was then validated against wind tunnel data of a 30◦ forward-swept wing with an aspect ratio of 5.2, determined
by Purser and Spearman [51]. Results are shown in Figure 8.33 and Figure 8.34. The lift is reasonably accurate,
but the drag is significantly underestimated, likely as a result of the correction to the root region where the
induced velocities are greatest.

Because the calculated coefficients for swept wing configurations are likely to be inaccurate, the lift distribution
should not be used for structural calculations of the spanwise loads or for an exact calculation of the wing lift
and drag. However, the validation above demonstrates that the lifting line results follow the same pattern as
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Figure 8.34: Comparison of the Drag Coefficients Calculated by the Lifting-Line Method, Corrected for the Discrepancy at the Wing
Root, to Experimental Data for a Forward-Swept Wing.

the actual values. This is also noted by Phillips and Snyder, who remark that the aerodynamic interactions
found through this method are at least qualitatively correct. The results are therefore considered valid enough
to determine the optimum twist distribution.

Noise
Hubbard’s noise model mentioned in subsection 8.1.3 was thoroughly validated by Schlegel et al. [18]. The
results of the experiments for two helicopters CH-3C and CH-53A can be found in Table 8.9 with little to no
deviations between the calculations and the actual measurements. However, it is worth noticing that several
atmospheric conditions such as pressure, temperature, humidity, or wind may affect the experiments and lead
to inconsistencies. Therefore, for future analysis, it is suggested that a more stable and error-proofed model
is exploited, like the HELENA model created by FRIENDCOPTER - a project funded by the EU Community
Research and Development Information Service 2.

Table 8.9: Vortex Noise Levels Experiment Result [18]

Rotor Speed
(rpm)

SPL Calculated
(dB)

SPL Measured
(dB)

CH-3C
183 78 76
203 82 81
213 81 81

CH-53A
166 82 80
185 83 83
215 84 85

Drag
Drag poses the most challenging validation process where the comparison to similar experiments is not convinc-
ing because every vehicle is different, especially in the case of the XV-25 Griffin where the model is the first
to push the limitations of helicopters. The team proposes the validation process to take place at a later stage of
the project where resources can be put into CFD analysis like the Airbus RACER [52] or prototype wind tunnel
testing like Russo et. al performed for their box wing [48].

2https://cordis.europa.eu/project/id/502773/reporting - 24/1/2023

https://cordis.europa.eu/project/id/502773/reporting
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Performance & Propulsion

With the aerodynamic analysis having been performed, the team must now ensure that the XV-25 Griffin’s
propulsion unit is adequately designed to ensure it can meet both the mission profile and the performance re-
quirements. As a first step, the power requirements will be analyzed over the different phases of the mission
with the help of power curves. After this, an engine will be sized based on the power requirements which will
then allow the team to perform an energy and fuel budget estimation. Finally, a performance analysis of the
XV-25 Griffin will be performed.

9.1. Power Required
This section will present how the team arrived at the required power at different conditions for the final com-
pound concept. This section can be split into 3 main parts; rotor power, aircraft power, and finally, the combined
power required for the compounded vehicle.

9.1.1. Rotor Power
The final design parameters of the rotor calculated in subsection 8.1.2 will be used in the following section to
calculate the power required for a pure rotorcraft. The method presented below is a combination of momentum
theory and Blade Element Method (BEM) [12].

Advance ratio
It is assumed that in the helicopter condition of flight, the rotational speed of the rotor shaft, Ω, is constant.
This value can be calculated based on the assumed maximum tip Mach number of 0.95. Using the calculated
rotational speed, the tip speed can be calculated. Finally, the advance ratio, µ, is calculated which will be used
later on in the rotor power calculations.

Ω =
Mtip · c− Vmax

R
(9.1) Vtip = ΩR+ V (9.2) µ =

V

ΩR
(9.3)

Where c is the speed of sound and Vmax can be set equal to the transition speed as the rotor will be stowed into
the wing after the transition.

Relation of Thrust to Weight
In helicopter mode, the thrust required by the rotor can be set equal to the MTOW along with a factor to account
for the download of the rotor onto the vehicle immersed in its wake.

T = (1 + kdownload) ·MTOW (9.4)

Where kdownload is a factor to take into account the download due to the fuselage and wing being in the rotor
wake. At 0 forward speed, the download factor is equal to 0.11. This value was based on typical values for
similar compound aircraft including a reduction factor of about 40% to account for the flaps being extended to
60◦ causing a lower download. The download factor then decreases with forward velocity using the following
equation [53].

kdownload = kdownloadV =0
· [1− sin2(π · V

2Vmax
)] (9.5)

Induced Velocity
The first step to calculating the power required is by finding the induced velocity at different forward velocities.
In hover, the induced velocity can be found with Equation 9.6.

54
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Vindh =

√
T

2ρπR2
(9.6)

In forward flight, the induced velocity can be related to the induced velocity at hover by using a piece-wise
function.

Vind = Vindh · Vind = Vindh ·


√√

V
4
+4−V

2

√
2

for V < 2

1/V for V ≥ 2

(9.7) V =
V

Vindh
(9.8)

A curve showing the variation of the induced velocity using Equation 11.48 (at take-off conditions) can be found
in the figure below. As can be seen in Figure 9.1, the induced velocity is maximum at hover and decreases
substantially up to the transition speed where the rotor will be stopped and stored. The induced velocity is an
important parameter of the rotor as it gives a good idea of the downwash produced by the rotor. It is important to
minimize the downwash of the rotor to prevent foreign object debris (FOD) as well as to allow ground personnel
to safely operate under the rotor.

Figure 9.1: Variation of Induced Velocity with Airspeed

Induced Power
With a relation between forward velocity, V, and Vind having been established, the induced power can be calcu-
lated. Induced power is defined as the power required to overcome the drag created due to the thrust generated
by the rotor [12]. It can be calculated with the following equation.

Pind = TVind (9.9)

Profile Power
The profile power is defined as the power required to overcome the air friction drag on the blades.

Pprofile = ρAblade(ΩR)
3 · Cd

8
(1 + 3µ3) (9.10)

Where Ablade is the area of the blades found in chapter 8, cd, assumed to be constant, is the average drag
coefficient of the blade as prescribed in chapter 8 and µ can be found with Equation 11.40.

Parasite Power
The last contribution to the power required by the rotor is the power required to overcome the drag of the
rotor-less vehicle. This can be calculated with the following equation.
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Pparasite = DparasiteV = fρV 3 (9.11)

Where f is the equivalent flat plate area of the rotor-less vehicle and V is the forward velocity.

Total Power
All the individual power contributions are added up to arrive at a total power required value.

Ptot = Pind + Pprofile + Pparasite (9.12)

The total power is calculated over a range of velocities (up to the transition velocity) to generate the power curve
seen in Figure 9.2.

Figure 9.2: Power Curve for Pure Helicopter at Take-Off Conditions Prescribed in section 2.2

As can be seen in Figure 9.2, the power curve follows the classic ’bucket shape’ seen in all helicopter power
curves. The horizontal line is the available power the engine can transfer to the rotor shaft which is a constant
value deriving from the fact that the engine was sized in section 9.2 to account for the extra power needed to
climb vertically. The induced power decreases with airspeed due to the fact the induced velocity decreases with
airspeed. The profile power slightly increases with airspeed due to there being more friction drag on the blades
at higher speeds. Finally, the parasite power also increases with airspeed due to the drag experienced by the
rotor-less vehicle increasing quadratically with airspeed.

In vs Out of Ground Effect
As can be seen in section 2.2, the vehicle is required to hover both in (HIGE) and out (HOGE) of ground effect.
When hovering in ground effect, the induced velocity at the rotor disc is reduced proportionally to Z/D where
Z is the height from the ground to the rotor andD is the rotor diameter [12]. The reduction in induced velocity
at the rotor reduces the amount of induced power required as per Equation 9.9. The ratio of VindIGE

VindOGE
ranges

from 0.55 at a Z/D ratio of 0.05 and reaches a value close to 1 at a Z/D ratio of approximately 1.2. These
values are taken from a full-scale flight test performed for multiple rotors [12].

∆P = T · VindOGE
(1− VindIGE

VindOGE

) (9.13)
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9.1.2. Aircraft Power
The final design parameters of the wing calculated in section 8.2 will be used in the following section to calculate
the power required for a pure aircraft.

Drag
In order to be able to calculate the required power, the drag of the aircraft must first be calculated. As a first
step, the lift coefficient required for a specified airspeed must be calculated using Equation 9.14 which can then
be used in Equation 9.15 to calculate the drag coefficient. Finally, the drag coefficient can be dimensionalized
using Equation 9.16 to arrive at a total drag value. In jet engines, the thrust required by the engines can be set
equal to the drag of the vehicle.

CL =
MTOW

qS
(9.14)

CD = CD0 +
C2
L

πARe
(9.15) D = qSCD (9.16)

Where q is the dynamic pressure, CD0 is the profile drag coefficient of the vehicle, AR is the aspect ratio of the
wing, e is the Oswald efficiency factor and S is the surface area of the wing. All the values were taken from
chapter 8.

Total Power
With the drag being calculated, arriving at the total required power is straightforward.

Preq = DV (9.17)

Where D is the drag calculated in Equation 9.16 for the prescribed velocity.

The total power is calculated over a range of velocities to generate the power curve seen below where the power
available is based on themaximum thrust the engine can provide at the prescribed take-off conditions. This value
is equivalent to the engine thrust at the high-speed penetration condition which can be found in section 9.2.

Figure 9.3: Power Curve for Conventional Aircraft at Take-Off Conditions Prescribed in section 2.2

9.1.3. Power for Compound concept
Now that the separate methodologies calculate the power for helicopter and aircraft separately, a method must
be laid out to combine these into a single power requirement for the XV-25 Griffin.

Lift Distribution
Due to our vehicle having a wing, in the ’helicopter’ phase of the flight, the wing will still provide a certain
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amount of lift even if not enough to sustain the weight by itself. This means that whatever lift the wing produces
can be subtracted from the rotor thrust required using Equation 9.18

Trotor =MTOW − Lwing (9.18)

Where the lift of the wing is calculated by dimensionalizing the lift coefficient calculated in Equation 9.14 with
the assumption that for speeds lower than the design stall speed, a constant CL value of 1.8 is used due to the
flaps being extended as explained in chapter 8.

Power Distribution
With the required rotor thrust and the lift of the wing, and consequently the drag, having been calculated for
different airspeeds, the total power for the XV25 Griffin can be calculated with the following equation.

Ptot = Pindrotor + Pprofilerotor + PAC (9.19)

Where Pindrotor is calculated with Equation 9.9 based on the thrust requirement calculated in Equation 9.18,
Pprofilerotor is calculated with Equation 9.10 and PAC is calculated with Equation 9.17. The parasite power
contribution to the rotor power is neglected in Equation 9.19 as it is assumed the jet engines will provide the
power to overcome the drag of the vehicle.

Transition
For our vehicle, the transition occurs between the design stall and transition speed. Once Vstall is reached, the
wing provides enough lift to sustain the entire vehicle weight. Consequently, the required rotor thrust becomes
0 after Vstall meaning that the only power contribution for the rotor is the profile power. In addition to this, the
rotational speed of the rotor is linearly decreased starting at Vstall reaching a value of 0 at the transition speed.
This is to simulate the braking of the rotor drive shaft in order to be able to stop it and lower it into the wings at
the transition speed. After the transition speed, it is assumed the rotor is stowed in the wing and thus the only
remaining power contribution is PAC .

Figure 9.4: Compounded Power Curve at Take-Off Conditions Prescribed in section 2.2
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Power Curve
The method presented above is now used to generate the power curve for the XV25 Griffin at the take-off
conditions prescribed in section 2.2.

In Figure 9.4, the black curve represents the power required for the compounded vehicle, the red curve represents
the power requirement for a pure helicopter (neglecting the lift provided by thewing and the extra thrust provided
by the jet engines), the green power curve represents the power required for a pure aircraft and the two vertical
lines represent the design stall and transition speed, respectively. The reduction in power (before transition) of
the compound power required compared to the pure helicopter power requirement can be accredited to the fact
that the induced power for the rotor reduces the more lift the wing produces and a wing is much more efficient
in providing lift when compared to a rotor. Between the design stall and transition speed, the sharp decline in
power can be accredited to the fact thatΩ is linearly decreased until it reaches a value of 0 at the transition speed
as well as the fact that after Vstall, the induced power of the rotor is 0 due to wing being able to provide enough
lift. After transition, the rotor is stowed and thus, the total power is equal to the power requirement of the jet
engines to overcome the drag. Finally, the change in slope at Vstall in the power required for the jet engines
curve is due to the fact that up until that point, CL is at a constant value of 1.8 whereas after Vstall, CL varies
based on the airspeed as per Equation 9.14.

9.2. Engine Selection & Sizing
This section will describe the inputs, processes, and outputs involved that led to the selection of an engine and
the available performance of that engine.

9.2.1. Engine Selection
Firstly a type of engine has to be selected. Choosing a propulsion system is one of the most critical tasks when
it comes to aircraft design, as the performance of the vehicle is highly dependent on the thrust-to-weight ratio of
the engine. The options on the table were turboprop, turboshaft, and turbofan. Turbo propeller and turboshaft
engines were ruled out due to a combination of factors:

• Airflow interference from the main rotor with propellers.
• Clearance between the main rotor and wing-mounted propellers.
• Using these engines would likely require three engines working in tandem which would make the vehicle
overweight, unless engines like the Europrop TP400 (with a propeller diameter in excess of five meters)
used on the Airbus A400M Atlas (Figure 9.5b) would have been selected.

• Turbofans are more efficient at mission altitudes and velocities.

(a) Lockheed Martin F35B Lightning II About to Take-Off from Aircraft
Carrier HMS Queen Elizabeth 1 (b) Airbus A400M Atlas in Low Altitude Flight 2

Figure 9.5: Aircraft in current service featuring different propulsion systems.

1https://theaviationist.com/2019/10/24/interesting-photo-shows-british-f-35b-in-beast-mode-aboard-hms-queen-elizabeth-aircraft-
carrier/

2https://www.airbus.com/en/products-services/defence/military-aircraft/a400m
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After coming to the conclusion to use turbofans for the compound aircraft the search began for combining
a turbofan with VTOL operations. This is without using downward thrust vectoring because it would make it
unable to achieve the disc loading requirement of 40 lb

ft2
maximum [1]. To resolve this problem the team started

looking into ways of powering a stowable rotor with a turbofan engine. With this in mind, the propulsion system
of the F35 Lightning II Joint Strike Fighter aircraft was examined, especially the VTOL system of the F35B
variant (Figure 9.5a) with its Pratt & Whitney (P&W) F135 engine and Rolls-Royce (RR) LiftSystem.

After doing a simple trade-off of turbofan engines the team decided to select this (type of) engine based on the
following reasons:

• Proven combination of VTOL and turbofan propulsion.
• Relatively modern engine.
• High thrust-to-weight ratio.

This choice was later backed up by the report ’Future applications of the JSF Variable Propulsion Cycle’, by
the engineer who designed the F35 concept and propulsion system for Lockheed Martin, which specifically
theorizes the successful application of the fighter jet’s propulsion system to compound helicopters. [54]

9.2.2. Performance Estimation
With the selection of the type of engine complete the teammoved on to resizing the existing P&WF135 Turbofan
engine for its own thrust and power required. In order to properly estimate the new dimensions of the engine
given the requirements a thermodynamic engine model was created. For this, the general workings of the engine,
the RR LiftSystem, and engine specifications had to be studied.

General Engine Overview

The Pratt & Whitney F135-PW-600 engine (variant used on the F35B) is a twin-spool, low bypass ratio, mixed
flow, afterburning turbofan, which in VTOL-mode powers a lifting fan in front on the engine and redirects most
of the bypass airflow to ducts on the wing for roll control. The first shaft, driven by the high-pressure turbine,
powers both the fan, at the entrance to the engine and the high-pressure compressor, at the start of the core. The
ducted fan, which during VTOL operations provides the same amount of thrust as the thrust vectored nozzle of
the engine, is powered by a low-pressure, second turbine. During all operations, some of the airflow through
the engine is bled off to use for cooling. [55]

Figure 9.6: Pratt & Whitney F135 Engine Schematic [54]

The bypass, which receives part of the airflow coming from the fan at the start of the engine, in the F135-PW-
600 engine has a multitude of functions, which can be grouped under the two distinct flight modes: VTOL
and forward. During VTOL operations it has a bypass ratio of 0.51, Table 9.2, all of the bypass airflow is
redirected to the nozzles in the wing for roll control and connection to the aft of the engine shut off. Meanwhile,
in conventional flight, the bypass ratio is 0.56 (Table 9.2), and the bypass airflow is mixed into the core flow
after the turbines and before the afterburner. Conclusively in VTOL mode, the bypass thrust is used for roll
control and as a boost in conventional operation.

For the development of the lifting fan system (Figure 9.7) Pratt & Whitney outsourced to Rolls-Royce. The
majority of the take-off thrust is delivered in half by the swiveling exhaust of the engine and the other half by
the shaft-driven ducted fan. A minority is powered by the bypass exhausts in the wings, which are mainly used
for roll control.
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Figure 9.7: Propulsion System of Lockheed Martin F35B Lightning II [55]

Lastly the F135 engine features an afterburner (Figure 9.8a) after the remixing of the bypass and core flows.
These add fuel to the exhaust of the turbine stages, adding combustion and energy to the flow and thereby
increasing the thrust. In the case of the F35, it increases by around 50 % compared to conventional thrust.

Thermodynamic Model

Using the information in the previous section a thermodynamic model of the F135-PW-600 was created by the
team, with the goal of resizing and reconfiguring the engine later down the line in mind. In order to verify the
principles firstly a more general turbofan model of the General Electric GE9X was derived, and then adapted
to the F35’s engine to be able to validate this specific type. To start this off the engine was divided into stages
as shown below, for each of which at least the pressure and temperature had to be calculated.

• Stage 0: Ambient
• Stage 1: Pre-inlet
• Stage 2: Inlet
• Stage 3: Fan
• Bypass exhaust (active during VTOL mode)
• Stage 4: Low-Pressure Compressor (not installed)
• Stage 5: High-Pressure Compressor
• Stage 6: Combustion Chamber
• Stage 7: High-Pressure Turbine
• Stage 8: Low-Pressure Turbine
• Stage 9: Bypass Remixing (active during conventional and afterburner operation)
• Stage 10: Afterburner (active in maximum thrust)
• Stage 11: Core exhaust

Then, using the pressure ratios for the different stages [56] and Equation 9.20 (example: fan stage), the temper-
atures and pressures in all but the combustion and turbine stages have been calculated. Equation 9.20 uses the
temperature before, the efficiency, and the pressure ratio of the stage as inputs to calculate the temperature after.
For the temperatures in the combustion chamber and afterburner estimations [56] have been applied as this is
not publicly available data.

T3 = T2 ∗ (1 + (
1

η
) ∗ ((P3

P2
)
γ−1
γ − 1)) (9.20)

Pfan,req =
∂mflow

∂t
∗ CPair ∗ (T3 − T2) (9.21)

Next the power required to operate the fan and compressor stages has been determined with Equation 9.21
(example: fan stage), which is a multiplication of the mass flow, the air pressure coefficient, and the temperature
difference across the compression stage. Having found the power required by the compression sections this
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power has to be delivered by the turbines, taking into account the efficiency of the shaft. The temperature
and pressure after the turbine were computed by rewriting Equation 9.21 (and switching out the air pressure
coefficient for the exhaust gas pressure coefficient) and Equation 9.20 respectively.

∂mfuel

∂t
=

∂mflow

∂t ∗ CPgas ∗ (T6 − T5)
ηCC ∗ LHVfuel

(9.22)

T9 =
(
∂mflow

∂t )core ∗ CPgas ∗ T8 + (
∂mflow

∂t )bypass ∗ CPair ∗ Tbypass
(
∂mflow

∂t )total ∗ CPgas

(9.23)
The fuel mass flow was quantified by Equation 9.22 which, on top of the variables already known, takes into
account the efficiency and temperature of a combustion stage and the heating value of the fuel (LHVfuel). In
case the afterburner is active the fuel of the combustion chamber and the afterburner fuel were added for the
specific fuel consumption (SFC) calculation.

When it came to the remixing of the bypass and core flow in stage 9 two assumptions were made; the first being
that the pressure in the bypass duct would gradually build up to match the pressure of the core flow and the
second that the new temperature of the combined flow could be estimated by the use of isentropic relations in
the form of Equation 9.23.

(
P11

P0
)critical =

1

(1− 1
η ∗

γ−1
γ+1)

γ
γ−1

(9.24) Tengine =
∂mflow

∂t
∗(Vexhaust−V0)+Anozzle∗(P11−P0) (9.25)

Finally, Equation 9.24 was utilized to determine if the exhaust flow is choked in the last stage (and in the bypass
nozzle). If the actual pressure ratio of the nozzle pressure over the ambient pressure is higher than this critical
pressure ratio the gas flow is choked. Practically this means that there is a pressure force contribution to the
generated thrust, in addition to the thrust gained from the acceleration of the mass flow through the engine.
Conclusively the thrust of the engine was computed with Equation 9.25 in which the two components of thrust
can be seen; first, the gas acceleration, followed by the pressure force (only active if the exhaust is choked).

9.2.3. Model Verification & Validation
This subsection first specifies how the principles of the developed thermodynamic model were verified before
providing evidence for the validity of the model for the exploitation of the F35’s propulsion system.

Verification

As previously stated the principle workings of the engine model were verified by correctly calculating the
pressures, temperatures, powers, exhaust velocities, thrust, fuel flows, and specific fuel consumption of the
General Electric GE9X engine (Figure 9.8b) and compared with values obtained from the Power & Propulsion
course in the Bachelor Aerospace Engineering at the Delft University of Technology.

(a) Lockheed Martin F35C Lightning II about to Take-Off from Aircraft
Carrier with Afterburner. 3

(b) General Electric GE9X Engine on a Boeing 747 Aircraft During an
Engine Test Flight 4

Figure 9.8: Engines Used for Validation and Verification.
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Table 9.1: Design Parameters for F135 Engine from Thesis
Report [56].

Parameter Symbol Value Unit
Inlet mass flow W 147 kg/s
Pressure ratio inlet PRi 0.9 [-]
Pressure ratio fan (core) PRcj 4.7 [-]
Pressure ratio fan (duct) PRdf 5.1 [-]
Fan efficiency ηf 0.9 [-]
Shaft 1 rotational speed N1 10080 RPM
Bypass ratio BPR 0.57 [-]
Engine core mass flow W25 93.63 kg/s
Pressure ratio compressor PRc 6 [-]
Compressor efficiency ηc 0.85 [-]
Shaft 2 rotational speed N2 15200 [-]
Fuel flow Wf 3.15 kg/s
Combustor efficiency ηcomb 0.995 [-]
Turbine inlet temperature TIT 2175 K
Turbine efficiency (HPT) ηturb,HPT 0.9 [-]
Turbine efficiency (LPT) ηturb,LPT 0.91 [-]
Mechanical efficiency ηmech 0.995 [-]
Mixer area A6 0.54 [-]
Thrust FN 125903 N
Overall pressure ratio OPR 28.2 [-]
Nozzle velocity coefficient Cv 0.985 [-]
Thrust specific fuel consumption TSFC 0.090 kg/Nh

Table 9.2: Pratt & Whitney F135 SVTOL Engine Specifications
[58]

Short Take Off and SVTOL Propulsion System Vertical Landing Design
Maximum Thrust Class 41,000 lbs (182.4 kN)
Intermediate Thrust Class 27,000 lbs (120.1 kN)
Short Take Off Thrust Class 40,740 lbs (181.2 kN)
Hover Thrust 40,650 lbs (180.8 kN)
Main Engine 18,680 lbs (83.1 kN)
Lift Fan 18,680 lbs (83.1 kN)
Roll Post 3,290 lbs (14.6 kN)
Length 369 in (9.37 m)
Main Engine Inlet Diameter 43 in (1.09 m)
Main Engine Maximum Diameter 46 in (1.17 m)
Lift Fan Inlet Diameter 51 in (1.30 m)
Lift Fan Maximum Diameter 53 in (1.34 m)
Conventional Bypass Ratio 0.56
Powered Lift Bypass Ratio 0.51
Conventional Overall Pressure Ratio 28
Powered Lift Overall Pressure Ratio 29

Validation

In order to validate the model for the F135’s type engine the model had to be adjusted from the GE9X, as
this is a twin-spool, high bypass ratio, separated flow, non-afterburning turbofan, and compared to the engine
specifications from Pratt & Whitney, Table 9.2. To this end engine parameters for our thermodynamic model
were taken from a report that analyzed the engine of the Lockheed Martin F35A [56], such as the pressure
ratios, stage efficiencies, air mass flow, and afterburner temperature and pressure. As well as variables such as
the lifting fan power [57] and bypass ratios [58]. Our own estimations were done on the combustion chamber
exit / high-pressure turbine inlet temperature and the remixing chamber.

The main value utilized for validation is thrust, as this is also the main requirement of an engine. Simulations
of the three distinct operating modes, VTOL, conventional, and afterburning were done and compared with the
values from the manufacturer, as can be seen in Table 9.3. Which shows the model is able to quite accurately
simulate the thrust of the F35B’s engine. There is a small deviation during VTOL mode which mostly comes
down to the overestimation of the roll posts thrust.

Table 9.3: Thrust Validation of Pratt & Whitney F135-PW-600 Thermodynamic Engine Model.

Propulsion Mode Thrust Model Thrust Actual Difference
VTOL 190.7 kN / 42871 lbs 180.8 kN / 40650 lbs 5.48 %
Conventional 120.1 kN / 27000 lbs 120.1 kN / 27000 lbs 0.41 %
Afterburner 180.4 kN / 40556 lbs 182.4 kN / 41000 lbs -1.12 %

Additionally, the fuel flow and specific fuel consumption were compared to the numbers in Table 9.1, as vali-
dating with the engine manufacturer, in this case, was not an option. This validation is limited by the fact that
models of two different versions of the same engine are being evaluated, yet the results in perspective suggest
reliability. For our model of the F35B engine, the nominal fuel flow was calculated at 3.02 kg/s at a thrust level
of 120.1 kN, while in the F35A model, it went to 3.15 kg/s at a thrust setting of 125.9 kN. Meanwhile, both of
the models come down to a specific fuel consumption of 0.090 kg/Nh.

9.2.4. Engine Sizing
For our own exploitation of the F35B’s engine, some psychical changes were made to the engine layout to
facilitate optimal performance for our mission:

3https://www.youtube.com/watch?v=kNO1Kqmjd4
4https://www.bizjournals.com/seattle/news/2018/03/15/ge-aviation-tests-ge9x-engine-boeing-777x-747.html
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• Increase in bypass ratio for counteraction of main rotor torque by adapting the roll control posts of the
F35B to yaw control posts in the tail of our compound helicopter.

• Separate bypass and core flow to achieve better specific fuel consumption.
• Remove afterburner as no need for supersonic speeds and better specific fuel consumption.
• Change lifting fan with its required power to a helicopter rotor with its different required power, sec-
tion 9.1.

• Remove swiveling exhaust for disc loading requirements and no necessity for it.
• Variable air intake diameter to limit airflow going in and thrust coming out of the engine.

Using the equations in subsection 9.2.2 and the aforementioned changes to the engine layout the internal engine
parameters are shown in Figure 9.9 for a simulated thrust scenario at a horizontal, sea level take-off from zero
speed. The engine model amongst other variables uses the forward speed of the vehicle to model the engine
behavior so at small speeds, the program estimates a sucking capacity of the compression stages of Mach = 0.2.
This estimate is based on Bernoulli’s equations.

Figure 9.9: Simulated Engine Parameters.

The bypass ratio was increased to 2, mainly so that in helicopter flight enough thrust out of the yaw control
nozzle is generated to counteract the torque from the main rotor. The critical phase for this was the climb in
VTOL. During pure horizontal flight, the bypass ratio decreases to 1.5.

Furthermore, the model assumes that when VTOL mode is not active and the low pressure, second, the turbine
is disconnected it still consumes 10% of the maximum power it absorbs during VTOL operations from the gas
flow.

Next, the team decided on a variable inlet to minimize the thrust at higher speeds, as the need to oversize for the
helicopter phases would also mean a great excess of thrust in the high-velocity regime. To this end until speeds
of 150 m/s are reached the inlet per engine equals 1.1 m2, between that and 200 m/s 0.3 m2 and for speeds in
excess of 200 m/s the inlet comes down to 0.2m2. The effect of this can be observed in Figure 9.10. Optimally
the team imagines a completely variable inlet that adapts during flight to fit the situation as best as possible, yet
this might be limited by the possible complexity of such a system.
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Figure 9.10: Power Required and Power Available at Sea Level Thrust

Finally to further illustrate the thrust levels at the critical phases of flight; Table 9.4.

Table 9.4: Thrust produced by one of the two engines to be installed on the XV-25 Griffin.

Flight phase Forward velocity Altitude Inlet area Thrust
Maximum take-off 0 m/s / 0 kts 0 m / 0 ft 1.1m2 / 12 ft2 69.4 kN / 15602 lbs
VTOL 0 m/s / 0 kts 600 m / 2000 ft 1.1m2 / 12 ft2 Tyaw = 28.5 kN / 6407 lbs, Tcore = 10 kN / 2248 lbs
Climb 159.2 m/s / 309 kts 600 m / 2000 ft 0.3m2 / 3 ft2 28.2 kN / 6340 lbs
Cruise 231.5 m/s / 450 kts 6096 m / 20000 ft 0.2m2 / 2 ft2 14.4 kN / 3273 lbs
High speed, low altitude penetration 255 m/s / 495 kts 600 m / 2000 ft 0.2m2 / 2 ft2 30.4 kN / 6834 lbs

It also should be said that for further calculations certain assumptions weremade, based on our engine’s expected
similarity to the F135:

• Thrust-to-weight is assumed to be the same so that would present us with a weight of about 983 kg / 2163
lbs per engine.

• RPM of the engine shafts are for now assumed to be equal as detailed design, verification, and validation
are needed.

• Costs are scaled with thrust available.

9.3. Vehicle Power Distribution
Figure 9.11 shows the preliminary power distribution layout of the vehicle. Some of these power values are
mentioned in this report while others will still need to be determined during further design.
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Figure 9.11: Power Distribution Schematic.

9.4. Energy & Fuel Budget
After having calculated the power requirements for different conditions as well as having sized an engine, an
estimation of the energy budget and the fuel mass can be performed.

9.4.1. Energy Budget
With the times for eachmission phase calculated based on the performance calculations performed in section 9.5,
calculating the energy budget is as simple as multiplying the required power at each mission phase by the time
of the phase as per the following equation. It was assumed that the ’Idle’, ’Descent’ and ’Landing’ phases do
not contribute to the total budget as their contribution would be very minimal.

E = Preq · t (9.26)

The resulting energy budget can be found by adding up the energy required for each phase. This results in a
total energy budget of 61309MJ .

9.4.2. Fuel Mass
Following a similar process as was done for the energy budget, the fuel mass for the whole mission can be
calculated by adding the fuel required for each mission phase. The fuel mass for each phase can be found by
using the following formula.

mfuel = SFC · T · t (9.27)

Where SFC is the specific fuel consumption, T is the engine thrust and t is the time of each phase. The SFC
as well as the thrust values for the different flight phases are calculated in section 9.2 while the times of the
different phases are found in section 2.2. The reduction in the vehicle weight due to the usage of fuel throughout
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the mission is also accounted for in this calculation. Using kerosene, the total fuel mass was calculated to be
8158kg. This fuel mass is close to what was estimated in the class I estimation (8800kg) which gives the team
a good indication that the fuel mass was correctly estimated. A breakdown of the fuel mass at each phase can
be found in the table below.

Table 9.5: Fuel Budget Breakdown per Phase

Mission Phase Units HIGE Climb1 Cruise1 Penetration1 HOGE Climb2 Cruise2 Penetration2 HIGE Reserves
Fuel Mass lbs (kg) 643 (292) 1071 (486) 5126 (2325) 1171 (530) 798 (361) 896 (406) 4683 (2124) 1102 (499) 578 (261) 1920 (871)

9.4.3. Fuel Selection
With a method for calculating both the energy and fuel budget having been defined, a trade-off can be performed
between kerosene, (liquid) hydrogen combustion and hydrogen fuel cells by comparing their total fuel weight
and storage volume as well as storage weight.

For kerosene and hydrogen combustion, these parameters can be found by using the method to calculate the fuel
mass described above whereas, for fuel cells, the total mass is found by calculating the energy required for the
mission and dividing that by the specific energy of the fuel cell taking efficiencies into account. The resultant
values can be found in the table below.

Table 9.6: Fuel Trade-Off

Parameter Unit Kerosene Hydrogen Combustion Fuel Cell
Mass lbs (kg) 17985 (8158) 6945 (3150) 5622 (2550)

Tank volume ft3 (m3) 360 (10.2) 1568 (44.4) 1268 (35.8)
Tank weight lbs (kg) 939 (426) 6466 (2933) 4246 (1926)

Propulsion system weight lbs (kg) 5051 (2291) 5051 (2291) 150135 (3900 + 64200)

As can be seen in Table 9.6, kerosene is the most favorable option due to its storage capabilities. Liquid hy-
drogen combustion is a possibility worth exploring although the main advantage of being less heavy is quickly
counteracted by the fact that a much heavier fuel tank is required due to the low temperatures and high pressures
[59] as well as additional safety measures such as a firewall resulting in a significant weight increase. In addition
to this, the fact that it must be stored in cylindrical tanks leads to the vehicle having to be significantly extended
to be able to fit such a large tank leading to an even higher weight and drag. For these reasons, hydrogen com-
bustion was neglected by the team. Using fuel cells does lead to a reduction of liquid hydrogen needed due to the
increased efficiency when compared to hydrogen combustion (60% efficiency [59]) although the added weight
and storage volume for the fuel cells themselves will increase the weight and size of the vehicle significantly.
The propulsion system weight is significantly higher (3900kg) due to turboprops (Europrop TP400 [60]) having
to be used with fuel cells which goes against what was said in subsection 9.2.1 and the weight of the fuel cells
required to output 12MW of power is a staggering 64200kg. These values completely rule out fuel cells for our
vehicle.

Hydrogen combustion could become a viable option in the next decade when significant technological advance-
ments have been made to reduce both the weight required to store the hydrogen as well as the storage volume
although at the present moment, the technology is not mature enough for it to be taken into consideration.

9.5. Performance
Now that the power requirements have been analyzed and an engine has been sized for the vehicle, a performance
analysis must be performed to verify the vehicle meets the performance requirements. This section will be split
into the performance of the vehicle when in helicopter and aircraft mode.

9.5.1. Helicopter Performance
The helicopter performance analysis of the XV-25 Griffin will focus mostly on its hovering and climb capabili-
ties as those will be the most critical phases in the mission.

Hover Performance
In conventional helicopters, hover performance is a highly dictating factor in the design of the rotor blades. For
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the XV-25 Griffin’s specific mission as outlined in section 2.2, the total time spent hovering is a minimal 6
minutes. This led to the team putting less emphasis on the hover capabilities of the vehicle while still ensuring
acceptable performance.

A good indication of hover performance is the figure of merit FM of the vehicle. The figure of merit is the ratio
between the ideal power required to hover (this is equal to the induced power as outlined in Equation 9.9) and
the actual power required for hover (this is equal to the total power as outlined in Equation 9.12) as seen in
Equation 9.28. This ratio gives the team a good idea of how well the blade is designed for hover.

FM =
Pideal

Pactual
(9.28)

For the XV-25 Griffin, this value comes in at around 0.44 indicating a poor hover efficiency when compared to
conventional helicopters (0.6 to 0.8 [12]). This discrepancy can be explained by the fact that the rotor has to
provide high amounts of lift due to the unusual requirements imposed on the vehicle leading to a high induced
drag. Namely, the weight of the XV-25 Griffin is high when compared to conventional helicopters but, more
importantly, the restriction of having only 3 blades to ensure stowage into the vehicle after transition leads
to a situation where the lift per blade needs to be extremely high leading to high values of induced drag. As
mentioned before, the team found the above-mentioned value acceptable due to the limited time the vehicle will
spend in the hover phase.

Vertical Climb Performance
The rotor was designed in chapter 8 to be able to produce more thrust than required to hover to be able to climb
vertically. This extra thrust is obtained by increasing the collective angle of the blades. Based on the maximum
thrust the rotor can provide at take-off conditions, the power required for producing the specified thrust can
be calculated with the method outlined in subsection 9.1.1. The engine was sized so as to be able to deliver
the required power when the rotor is at a maximum collective angle. The power required for hover was also
calculated in subsection 9.1.1. Setting the maximum rotor power equal to the available power, the vertical rate
of climb can be calculated with Equation 9.29 where PH is the power required for hover at MTOW.

ROC =
Pavailable − PH

W
(9.29)

For the XV-25 Griffin, this results in a maximum vertical rate of climb when hovering, at take-off conditions
and MTOW, of 2.92m/s. This value can increase to 4.66m/s at end of the mission considering most of the fuel
has been expelled and the payload is removed.

Having calculated the rate of climb at take-off conditions, the theoretical ceiling of the XV-25 Griffin when in
helicopter mode can be found by using Equation 9.29 while varying the available power as well as the required
power to hover with altitude. As can be seen in Figure 9.12, the theoretical ceiling of the XV-25 Griffin when
in helicopter mode is about 1845m.
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Figure 9.12: Varying Vertical Rate of Climb with Respect to Altitude.

9.5.2. Aircraft Performance
In this section, the performance of the vehicle when in pure aircraft mode, after transition, will be analyzed.

Climb Performance
The climb performance can be broken down into three main parts; the best rate of climb (BROC), the maximum
climb angle, and finally the climb performance diagram.

The best rate of climb of the aircraft can be calculated based on the power curves with the following equation
where the best rate of climb is when the difference between available and required power is maximum.

ROC =
Pavailable − Preq

W
=
TV −DV

W
(9.30)

According to section 2.2, the climb phase will start at 2000ft. Assuming a steady climb with a weight equal to
MTOW, the best rate of climb is 15.35 m/s at a forward velocity (VY ) of 157.16m/s. Based on these values,
the climb angle when climbing at VY is about 5.58◦.

Finding the maximum climb angle follows a similar process to the rate of climb calculation although this time
the drag curve will be analyzed. The maximum climb angle can be found by finding the point on the curve
where the difference between the available engine thrust and the drag is maximum.

γmax =
T −D
W

(9.31)

Once again the maximum climb angle is found at the take-off conditions and a weight equal to MTOW. This
leads to a climb angle of 7.9◦ at a speed of 105.2m/s.

Having established the climb characteristics of the XV-25Griffin, it is now possible to find the theoretical ceiling
when in aircraft mode. This can be done by calculating the ROC for different altitudes (thus densities) while
also adjusting the available power due to the increase in altitude. Although the power required decreases with
altitude due to the decrease in drag, the available thrust decreases at a faster rate, and thus, at a certain density,
there will no longer be enough power to climb. This point is called the theoretical ceiling of the aircraft.
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Figure 9.13: Variation of Rate of Climb with Altitude Figure 9.14: Variation of Best Rate of Climb Velocity with
Altitude.

Figure 9.13 shows that the theoretical ceiling of the XV-25 Griffin when in aircraft mode is about 12100m, the
point where the ROC approaches 0. Figure 9.14 shows the variation of the Best Rate of Climb velocity, VY ,
with altitude.

Payload-Range

As established from literature [21] the maximum range and endurance for a jet-powered aircraft can be found
for maximum lift over drag, which can be brought down to (CL

CD
)max. In our case, this value can be calculated

from Figure 9.15a to be 31.1. Next using Equation 9.32 and Equation 9.33 the range and endurance respectively
can be calculated, resulting in Figure 9.15b.

Range =
Vaverage · (CL

CD
) · ln(Wstart

Wfinal
)

g
(9.32) Endurance =

(CL
CD

) · ln(Wstart
Wfinal

)

g
(9.33)

(a) CL vs CD Curve of the Aircraft.
(b)Mass vs Range diagram. Range Extender Considered is Replacing

Payload Mass with Extra Fuel

Figure 9.15: Performance graph of the XV-25 Griffin.

From Figure 9.15b certain ranges can observed:

• Missions range: 1852 km / 1150 miles + hover time, reserves.
• Continuous fixed-wing cruise starting at MTOW, maximum fuel and payload: 4309 km / 2678 miles
taking 10.9 hours.

• Ferry (continuous fixed-wing cruise starting at MTOW, maximum fuel and zero payload): 4585 km /
2849 miles taking 12.4 hours.
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• Ferry with range extender (extra fuel tank, same weight as maximum payload): 5698 km / 3541 miles
taking 15.6 hours.

It should be noted that the last three ranges in the list above assume optimal conditions for lift-over-drag and
velocity and a cruise altitude equal to the mission cruise altitude.

Maximum Speed

From the same literature [21] the maximum speed can be calculated for a certain altitude as the decrease in
density has an effect on the drag and thrust, the variable inlet is not taken into account for this calculation.
Using Equation 9.34 Figure 9.16 was derived.

Vmax =

√
(

T

CDo ∗ ρ ∗ S
) · (1 +

√
4 ∗ CDo

π ∗AR ∗ e
∗ (W/T )2) (9.34)

Figure 9.16: Maximum Theoretical Speed Based on Altitude.

Combining Figure 9.16 and Figure 9.10 it can be deduced that the maximum attainable speed, purely based on
engines, would be around 340 m/s at an altitude of just over 10 km.
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Structures & Materials

This chapter will deal with the loads, structures as well as the materials of the aircraft. First, the general flight
envelope and the associated load factors are introduced in section 10.1, followed by a more thorough treatment
of the key components. Finally, in section 10.8 the center of gravity during different loading conditions is
calculated, followed by the component weights in section 10.9.

10.1. Flight load envelope
The flight envelope defines the loads that the aircraft will need to endure. There are different envelopes for
helicopters and aircraft. The airplane portion of the flight envelope is shown in Figure 10.1 with both the
maneuver loads and gust loads shown. From the diagram, it is apparent that the gust loads at cruise produce the
highest load factors.

Figure 10.1: Flight Envelope Airplane Mode

Helicopters similarly have a V-n diagram, which looks similar to that of an airplane. However, the maximum
load factor can be obtained already at zero velocity as the rotor produces its own forward velocity to produce lift.
The customer requires a limit load factor of 3.5, so this is chosen as the maximum load factor for the helicopter
flight phase up until the rotor is folded after transition.

The loads on helicopters however do not only depend on the load factor, but the critical loads for different
components are obtained during different maneuvers. Especially the rotating components can be loaded up
to multiple times the load factor during challenging maneuvers [61]. As an example, during a 2g maneuver
of a helicopter the pitch links in particular can experience up to 3 times the steady state load. Thus, a set of
maneuvers that the aircraft needs to be able to perform is selected, and typical loads on the rotating components
for that maneuver are determined.

In addition, instead maintaining a constant load on the lifting surfaces during level flight independent of the
velocity like aircraft, the loads of helicopter blades, hubs and pitchlinks can increase substantially during higher

72
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velocity flying. This is due to the different velocity of the blades during their rotation as a combination of the
forward flight speed and rotation, otherwise known as the advance ratio. This causes the rotor blades to flap,
causing oscillating inertial forces in addition to the lift force, which is also oscillatory during forward flight. For
example, at the expected maximum advance ratio of around 0.32 expected at 150 knots, the bending moment in
the blades have been observed to approximately triple compared to hovering [61]. This flapping also introduces
oscillating and vibratory loads into the hub and further into the entire aircraft.

10.2. Landing gear design
The landing gear is mainly designed to both support the aircraft on ground and to absorb the eventual shocks
that occur during landing. Some of the less obvious, but just as critical functions of the landing gear is to
provide ground maneuvering ability during taxi and take-off as well as braking after landing. Additionally, in
conventional aircraft it is essential that it allows rotation during take-off. Due to the fact that the XV-25 shall
be able to both take-off and land vertically not all conventional gear design applies. During normal operation
the landing is vertical similar to helicopters, however for contingencies where the rotor system fails, it shall be
able to land as an airplane would.

10.2.1. Landing Gear Configuration
There are multiple different choices to be made for the configuration of the gear design. These include both the
retractability as well as the arrangement and location of the different landing gear, which influence the weight,
and parasitic drag as well as ground maneuverability and stability.

Gear Retraction
The landing gear can be designed to be retracted or to stay in place during flight. There are advantages and
disadvantages to each choice. The main advantage of the non-retractable landing gear is the light weight of the
design as well as the simplicity and reliability of not using any mechanism for the landing gear. However, there
is a large drag penalty due to the extra exposed surface area. The opposite is true for retractable landing gear.
There is a large advantage in terms of drag performance, which comes at an increased weight and complexity.
Additionally, the retraction mechanism can fail, leading to emergencies in flight and increased maintenance
costs. Thus, for large aircraft that fly at elevated velocities, the designers usually choose retractable landing
gear. A general rule is that for aircraft that fly at cruise speeds above 150 kts the cost penalty for the additional
weight and maintenance of the retraction mechanism is outweighed by the reduction in drag [62]. Because
the XV-25 cruise speed is required to be at least three times this value, no further trade-off is performed and a
retractable gear system is chosen.

Gear Arrangement
There are multiple arrangements in which the landing gear can be attached to the aircraft. The main config-
urations used in aircraft are the tricycle, bicycle with outrigger and tail wheel configurations. Additionally,
helicopters have the alternatives of skid based landing gear to their ability to vertically take-off. However, for
the ability to take-off in heavy or hot conditions when vertical HOGE take-offs are infeasible wheeled landing
gear is advantageous for the ability to perform roll-on take-offs [63]. Additionally, a horizontal flight landing
in case the rotor system fails will also benefit from a wheeled landing gear. Thus the three configurations for
the conventional aircraft are considered for a trade-off.

Trade-off for Gear Arrangement

The three arrangements will be traded off on multiple criteria. These are the weight, the stability during ground
operations and landing as well as the ease of loading the landing gear allows on the ground. The weight is self
explanatory for the flight performance, while the stability during ground operations and landing are important
for the ability to land and take-off without tipping over. Finally, the ease of access to the cargo bay at the rear
cargo ramp is considered, as different gear configurations might block the access to the ramp, while others
enable easy access to the ramp.

The trade-off table is presented in Table 10.1, where the scores range from 1 (poor) to 3 (good), with the scores
being adapted from Roskam [62]. The final scores for each arrangement are obtained by multiplying each
score with the corresponding weight and finally dividing the sum of those scores by the sum of the weights.
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Table 10.1: Landing gear arrangement trade-off table

Weight Tricycle Bicycle Tailwheel
Weight 3 2 1 3
Stability 2 3 2 1
Ease of loading 1 2 2 1
Final score 2.33 1.5 2

Additionally, a sensitivity analysis was performed, where a total of 16 weight combinations were chosen, in
which the results only changed marginally and the tricycle wheel was the winner in almost all cases. Thus the
selected gear arrangement is the tricycle arrangement.

10.2.2. Gear sizing
The gear sizing is based on themethods presented in [64] and it is assumed that the gear sizingwill be comparable
to a regional turboprop aircraft due to its similar size. Through this it can be determined that the number of
wheels on the main landing gear will be 4, while there are two wheels on the nosegear. The inflation pressure
of the wheels can be determined with methods from [64] as shown in Equation 10.1 using the lowest possible
load classification number LCN of ten which is similar to aircraft carriers from which the aircraft shall operate.

p(kPa) = 430 lnLCN − 680 = 310kPa (10.1)

For the relative sizing of the gear, it is assumed that the nosegear will carry at least 8% of the maximum takeoff
weight according to [62] and the main gears would carry the remaining 92%.

To further specify the loads on the gears the disposition is determined in comparison to the center of gravity
extremes. The disposition of the landing gear is dependent on the location of the center of gravity. The center
of gravity for the aircraft needs to be between the two gear locations at all times. In contrast to conventional
aircraft the rear landing gear can be placed further back, as no rotation during take-off is necessary due to the
vertical take-off. Thus the disposition will be determined based upon the best packaging within the aircraft.
Thus the nosegear is placed 1m behind the front of the aircraft, while the main gear is placed at 9.5m from the
front. Thus the center of gravity is at all times contained between these two locations.

For this design stage the static load can be assumed to be sufficient for the main landing gear, while the braking
loads is the most critical for the nose gear.

The braking loads are calculated as shown in Equation 10.2 with assumed values of 0.35 for ax
g [65] and ln and

lm being the disposition of the respective landing gears from the center of gravity at the most forward center of
gravity.

Pn

W
=
lm + hcg

ax
g

lm + ln
= 0.297 (10.2)

Thus the nose gear needs to carry 29.7% of the MTOW, with each tire of the nosegear carrying half that at
the most forward location of center of gravity. The disposition results in the main gear carrying 84% of the
weight at the most rearward center of gravity excursion, resulting in the static load on the nosegear to exceed
the minimum of 8% needed to allow for steering.

Following this the tires will be selected according to diagrams obtained from [65] and using the previously
obtained loads. These present different gear possibilities depending on the static load per wheel and the inflation
pressure. From this the landing gear tires for both the front and rear landing gear are selected. This results in
the main landing gear using 11.00 - 12 type III tires per strut with a 6 inch diameter and the nose gear using two
8.5 - 10 type III tires.

The strut of the landing gears shall be designed on the requirement to be able to land at 10 fps sink rate at
structural design gross weight (SDGW) with 2/3 of rotor lift applied. However, due to the added requirement
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of a gliding landing this will be the highest load on the landing gear. Thus, conventional aircraft sizing methods
will be used for the strut and shock absorber sizing. It is assumed that the main landing gear will absorb the
entirety of the landing forces. Thus, he stroke length is given by Equation 10.3 using the reaction factor λ of
2.5 for transport aircraft as well as the efficiency ηs of 0.8 for the energy absorbtion of an oleo-pneumatic shock
absorber [65].

S =
1

ηs
(

w²
1.84gλ

) (10.3)

Here w is determined by w = 0.9(WS )0.25 [65] at mid-cruise weight to arrive at the stroke length. Using these
values the stroke length is determined to be 0.46m. This is a relatively large stroke length, which is results due
to the high wing loading of the aircraft. Knowing the tire size, stroke length and the loads on the struts it is
possible to determine the total length of the landing gear as well as the diameter of the struts.

The diameter is given by the empirical formula from [65] given in Equation 10.4 using the maximum applied
load to each strut.

Ds = 1.3 +
√
Pm = 19.1 in cm (10.4)

For the length of the strut [65] provides a general rule that for landing gear with multiple tires, the total length
is 3 times the stroke length, producing a total landing gear length of around 1.4m.

10.3. Hub design
The hub is a critical component that transmits the aerodynamic and inertial forces generated by the blades
rotation through the air into the airframe to lift it. Thus, the entire aircraft is hanging off of this single part in
between the blades and the airframe. Therefore, special attention needs to be paid to the design and reliability
of this part. The type of rotor hub chosen is a fully articulated one, as it simplifies the already complex blade
and hub design that already contains a blade retraction and hub lowering mechanism. Such a design is shown
in

Pitch

Pitch change rod

Flap hinge

Drag hinge

Lead or lag

Axis of rotation

Flap

Figure 10.2: Fully Articulated Rotor Hub 1

1https://commons.wikimedia.org/wiki/File:Fully_articulated_main_rotor_head.svg
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10.3.1. Load determination
The hub is loaded in both a static and cyclic manner. In an idealized hover without forward velocity a constant
force is transmitted through it to maintain the lift of the aircraft. Additionally, the rotating blades exert a constant
centrifugal force in the plane of rotation on the hub. Apart from these constant forces in the most simplified
case, there are cyclic forces that are applied on the blades when any flight speed or control is applied to the rotor
through the pitch links that control the cyclical lift distribution. This leads to variations in the lift and inertial
flap forces the blades apply on the hub. During maneuvers all these forces will be increased by the load factor
of that maneuver.

Calculating the constant forces applied from each blade is possible from the calculations in Figure 8.1.2, where
Equation 8.12 is integrated along the entire blade as shown in Equation 10.5.

FL =

∫ R

r0
CL ·

1

2
· ρ · (Ω · r)2 · cdr (10.5)

However, due to the limiting loads on the rotating components typically being the fatigue life, the variation of
the forces will need to be determined. For a preliminary analysis the flap loads will be determined using purely
the aerodynamic forces depending on the advance ratio. The maximum absolute force and variation in force
across the rotation will thus occur at the maximum flight velocity with the rotor working. The transition to
horizontal flight begins at the stall speed and continues until the transition speed of 150 knots, so 150 knots will
be the point at which the advance ratio is the greatest leading to the greatest force amplitudes. Thus, the lifting
force can be written as a function of the advance ratio µ and ψ, being the position of the blade along its rotation,
as shown in Equation 10.6.

FL(ψ) =

∫ R

r0
CL ·

1

2
· ρ · (Ω · r(1 + µsin(ψ))2 · cdr (10.6)

Integrating this equation yields an estimate of the aerodynamic force the blade generates across a rotation in the
maximum velocity forward flight, shown in Figure 10.3.

Figure 10.3: Variation of the Lift Force per Blade Along the Rotation Angle

This load is introduced through the flap hinges, and thus creates a large shear force and resulting moment across
the hub from the hinges towards the center of rotation where the hub is attached to the mast.

The difference between the maximum and minimum of this curve will be the amplitude of the loading while
the average is the steady state lift determined earlier using Equation 10.5. The amplitude will be crucial in
determining the appropriate stress amplitude that is allowable for the determination of the fatigue life based on
the stress amplitude in the hub.
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It is important to note that this is a very preliminary analysis of the cyclical loads applied to the hub, as the
determination of more accurate models is very complex due to the coupling of the flapping motion, lead-lag
motion, the rotor’s rotation as well as aeroelastic interactions. Thus, these calculations are regarded as a starting
point for the analysis of the loads introduced into the rotating components and further analysis is recommended.

10.3.2. Material selection
Due to the very cyclical loading of the hub the limiting factor in selecting the material will be the fatigue life of
that material compared to the weight requirements. The required cycle count can be calculated from the fraction
of flight time with the rotor rotating in the typical flight profile. With 6 minutes of hover and 10 minutes of
flight idle in a 2:55 hour mission. Thus around 9.2% of the flight hours include the rotor under load. With
a typical operation of 2400 hours between replacement of the hub [66] this will result in 220 hours of rotor
operation between replacements. With a rotor rotation rate of 187rpm and this results in 2.5 · 106 cycles for the
required fatigue life of the rotor hub. At this number of cycles the ratio of stress amplitude σa obtained from
Wöhler-curves to density ρ of three different possible materials will be compared. These three materials will be
the common aerospace metals, Ti6Al4V, Al-7075-T6 and Stainless Steel 316L with surface treatment [67] [68]
[69]. As this is a critical component with a relatively limited size the material is selected purely based on the
performance instead of incorporating other parameters such as cost.

Table 10.2: Comparison of Different Materials Fatigue for the Hub

σa at 2.5 · 106 cycles density ρ σa
ρ

Al-7075-T6 200 MPa 2.81 g/cm³ 71.4
Ti6Al4V 550 MPa 4.45 g/cm³ 123.6
SS316L 550 MPa 8.00 g/cm³ 68.9

The comparison of the values for the different materials is shown in Table 10.2. As can be seen, both stainless
steel and titanium alloy have a vastly higher allowable stress amplitude at the reference cycle count compared
to aluminum alloy. However, both of these materials also have a significantly higher density. Forming the ratio
of the allowable stress amplitude and the ratio yields the selection criteria, in which the titanium alloy has the
best performance. Both aluminum and stainless steel have similar performance, with aluminum being a little
better. Thus, the final decision for the hub material is made in favor of the titanium alloy.

10.4. Blade Analysis & Design
This section will look at the Blade design. In order to determine the structural considerations an analysis of
the loads experienced was required. The objective of the analysis was to determine the mass of the blades and
establish the coning angle. For this, the case of hovering flight was considered. Once the loads have been
characterized the layout of the structure can be detailed and materials traded off.

10.4.1. Blade Coning Angle
To analyze the blades we need to first assume they are rigid, or aero-elastically stiff. In hovering flight, the flow
is directed down, and evenly distributed across the blades. This allows for an equilibrium state between the
aerodynamic and centrifugal forces [70]. This equilibrium state will lift the rotor at the flapping hinge seen in
Figure 10.2 and induce coning.

Figure 10.4: FBD of Rotor Blade
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The coning angle β is set between the plane of rotation and the blade through the flapping hinge. CF is char-
acterized as a function of the angular rotation, the radius and the mass, as seen in Equation 10.7. The Lift
distribution across the rotor is derived in subsection 8.1.2. From each of these distributed forces the moments
can be generated.

FCF (y) =

∫ R

0
mi · Ω2 · y dy (10.7) MCF (y) =

∫ R

0
mi · Ω2 · y2 dy (10.8)

ML(y) = −
∫ R

0
L · y dy (10.9)

As the hinge by definition cannot carry any moment the blade will rotate, however as the blade cones the lift
starts to compete with the centrifugal force. Illustrated in Figure 10.4. When the Blade rotates upwards the
angle decreases the relative arm of each mass element in the blade by Sin(β). Additionally, the hinge axis is
generally offset from the hub by a factor e. As such the equation Equation 10.8 needed to be updated.

MCF (y) =

∫ R

eR
mi · Ω2 · y2 · sin(β) dy (10.10)

Balancing the moment by settingMhinge =MCF−ML = 0 the two integrations can be seen in Equation 10.11.

Mhinge =

∫ R

eR
mi · Ω2 · y2 · sin(β) dy −

∫ R

0
L · y dy = 0 (10.11)

Applying the small angle approximation and solving for β yields the coning angle referred to as β0 and can
be seen in Equation 10.12. If we further simplify the model into a Riemann sum the equation can be seen in
Equation 10.13.

β0 =

∫ R
0 L · y dy∫ R

eRmi · Ω2 · y2 dy
(10.12) β0 =

n∑
i=1

Li

mi · Ω2 · yi
(10.13)

With the function, the coning angle and the mass can be compared with a fixed radius and angular velocity as
well as a determined lift distribution. The plot in Figure 10.5 showcases the angles for different choices of mass
per meter square. The right axis indicates the value in unit masses for this specific design. The dashed line
indicates the chosen design point, with an angle of β0 = 4.989◦ and the mass per area of M

m2 = 39.9 kg
m2 relating

to a unit mass of mi = 3.92kg
n derived from n = 111 sections across the radius of the blade. Resulting in a

mass of 959 lbs (435 kg) per blade and a total mass of 2877 lbs (1305 kg) for the main rotors combined.

10.4.2. Blade Loads Analysis
Loads of the blades in flight are critical in the design of the structure. The initial and most important loads to
consider are the lift distribution along the blade and the centrifugal forces, both generated when the blade is
rotated. The forces will introduce an internal shear and moment. The internal shear is important as this charac-
terizes the transfer of the lifting force into the hub from the blades, while the internal moments are important
to determine the potential bending of the blade in flight. In Figure 10.7 these forces are plotted for the given
lift distribution and set distributed mass determined in subsection 10.4.1. In order to understand the flow the
coordinate system of the internal forces is defined in Figure 10.6.
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Figure 10.5: Coning Angle with Change in Mass perm2

Figure 10.6: Internal Force Coordinate System
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Figure 10.7: Internal Forces Blade
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The internal forces seen in Figure 10.7 allow for an understanding of the interaction of the blade in the hub
and the potential bending across the blade. Looking at the Normal forces we can see that the hinges need to
withstand around 30 MN of force while the blades are rotating. The lifting forces are translated to the hub
in shear, generating approximately 2.4 MN of force in the hub. The moments are zero at the lift as the blade
will be in equilibrium. In order to design the blade properly the aerodynamic and dynamic forces should be
analyzed at different flight phases, with the range of lift distributions. Once the flight is no longer in hover, the
velocities experienced change the lift distributions across the blade, this is seen in Figure 10.3. It is therefore
recommended that further analysis looks at the cyclic behavior and conducts a modal analysis of the blades to
better characterize the dynamic behavior of the blades in flight.

10.4.3. Blade Material
The blades for conventional helicopters are usually made from a number of different materials. A common
combination is a metallic torque box in the leading edge to contain the loads, with the rest of the material mostly
maintaining an airfoil shape. As previously explained, the blades of the XV-25 Griffin are required to house
the mechanism for retracting the blade. Thus the internal volume can not be entirely used to retain structural
strength. Instead, the skin will be constructed to maintain strength in both torsions as well as bending. Thus,
a strong material, which has high strength is required that is readily shaped to the desired airfoil shapes. Thus,
carbon fiber composite is selected for this part.

The internal centrifugal forces need to be carried from the tip towards the hub. These will partly be transmitted
through the mechanism, containing a jackscrew carrying all the centrifugal loads. This will be required to main-
tain a high fatigue strength. However, due to the required weight in the blades to maintain a low coning angle
the density of the material is not very important. Instead, a tradeoff will include the ease of manufacturing. The
three materials considered here will be Ti6Al4V, Al-7075-T6 and Stainless Steel 316L with surface treatment
[67]–[69]. The trade-off will include the fatigue strength at 2.5 ·106 cycles as well as the ease of manufacturing
on a scale of 1-3. The weights chosen are 3 for the fatigue strength and 2 for the ease of manufacturing, with
scoring on a range of 0-5.

Table 10.3: Comparison of Different Materials for the Blade Mechanism

σa at 2.5 · 106 cycles Ease of manufacturing Score
Weights 3 2

Al-7075-T6 2 (200 MPa) 5 16
Ti6Al4V 4 (550 MPa) 2 16
SS316L 4 (550 MPa) 4 20

As can be seen in Table 10.3, the mechanism elements shall use stainless steel for its ability to withstand the
large fatigue loads as well as its ease of manufacturing.

10.5. Wing Box Analysis and Design
This section analyses the loads and requirements on the wing and determines the wingbox design. The method-
ology followed can be applied to the main wings of the aircraft, to the vertical and horizontal stabilizers, and to
the rotor blades. The first step in the design process is characterizing the loads to which the wings are subjected.
After that, the wing geometry will be introduced and a structural idealization performed. Finally, bending and
torsion will be analyzed and the area of the skin, spar webs and stiffeners will be optimized to be within the
material stress limits.

10.5.1. Analytical Load Analysis
Themain force towhich thewing is subjected is the distributed lift force that it produces. The lift distributionwas
assumed to be elliptical. For untwisted forward-swept wings, the typical lift distribution follows the elliptical
pattern but with slightly more lift being generated towards the root of the wing. In section chapter 8, the twist
of the wing was optimized to more closely match the ideal elliptical lift distribution. The lifting line method
used for the optimization has been proven to work qualitatively, however, there have not been experimental
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validations performed for multi-surface wings [38]. Therefore, the ideal elliptical distribution is assumed to
conservatively size the wingbox. The ideal elliptical distribution is given by [16]:

L′(z) = ρ · V∞ · Γ(z) (10.14)

Where Γ(z) is the circulation distribution and it is equal to:

Γ(z) = Γ0 ·

√
1−

(
2z

b

)2

(10.15)

The total lift can be found by integrating the lift distribution over the whole wing:

L =

∫ b/2

−b/2
L′(z) dz =

∫ b/2

−b/2
ρ · V∞ · Γ0 ·

√
1−

(
2z

b

)2

dz =
π

4
· ρ · V∞ · Γ0 · b (10.16)

Γ0 is obtained by setting the lift equal to half the MTOW of the aircraft - since the upper and lower wings carry
half the weight each - and multiplying it by the maximum load factor of 3.8, taken from the load diagrams, as
well a safety factor of 1.5 taken from the requirements. The drag distribution D′ can be obtained analogously
by employing the lift-over-drag ratio of CL/CD = 10.2.

An overview of both load distributions, as well as the wing geometry and the coordinate system used, can be
found on Figure 10.8.
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Figure 10.8: Lift and Drag Distributions, Coordinate System and Wing Geometry

The moment distributions are then found by integrating the force distributions multiplied by the along-span
distance z with integration limits between the wing root and wing tip.

Mx(z) =

∫ b/2

z
L′(z) ∗ −(z̃ − z) dz̃ (10.17)

My(z) =

∫ b/2

z
D′(z) ∗ −(z̃ − z) dz̃ (10.18)

The shear distributions are the derivative of the moment distributions with respect to z.

Vy(z) =
∂Mx(z)

∂z
(10.19) Vx(z) =

∂My(z)

∂z
(10.20)
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The torque distribution is found by integrating along the span the lift distribution multiplied by the x offset,
which is caused by the sweep of the wing.

T (z) =

∫ b/2

z
L′(z) ∗ (z̃ − z) ∗ sin(θ) dz̃ (10.21)

An overview of the different distributions can be found in Figure 10.9.
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Figure 10.9: Lift and Drag Forces, Moments, Shear and Torque Distributions Along the Span of Half Wing z, from Wing Root, z=0,
to Wing Tip, z=8. Blue Lines Show L,Mx, and Vy . Orange Lines ShowD,My , and Vx.

Once the force, moment, and torque distributions were found, an internal load analysis was conducted using
an idealized wing methodology in order to understand the stresses to which the wing is subjected. The critical
cases analyzed were the bending and torsion of the wing, and how these forces influence the flow of stress and
strain within the structure.

10.5.2. Structural Idealization
The structure of the wing was defined in chapter 8 where the airfoil, span, taper, and sweep were specified
along with the chord lengths and thickness ratio across the span. From the wing platform, two cross-section
idealizations were constructed. In the idealized structure, the stringers and spar flanges are assumed to act
as concentrations of area, known as booms. The booms carry all the axial stresses and the skin carries the
shear stresses. The wing profile shape and dimensions are fixed since they were optimized for aerodynamic
performance. The number and area of stringers and flanges and the thickness of the skin can be chosen to be
able to carry the stresses present in the most demanding situations while minimizing the weight of the structure.
Most of the theory for this chapter was based on the textbook ’Aircraft Structures for Engineering Students [71].
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The idealized cross sections are presented in figure 10.10. For both idealizations, a wing box was constructed
going from 10% to 70% of the chord. In the idealization for the bending case, Figure 10.10a, the structure is
divided into twenty booms along the exterior wing profile, ten on the upper side and ten on the lower. They
represent the area of wing skin that resists bending as well as the area of the stringers. In Figure 10.10b the
idealization for the torsion case is shown. In this case, the airfoil cross-section internal area is sectioned into
three sections, with each wall given a certain thickness. The sections are non-symmetric and therefore no
simplifying assumptions can be made in that regard.
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Figure 10.10: Wing Cross-Section Idealization

The procedure to idealize the wing was implemented in Python and, to completely characterize the wing, one
hundred cross sections were generated along the span, one for every eight centimeters of the wing. Each cross-
section took into account the local airfoil profile, twist and taper ratios, and the wing sweep. A similar methodol-
ogy was followed for the torsion idealization, dividing the wing along the span into one hundred cross sections
as well. It was decided to use a single material to build all elements of the wingbox, to simplify the manufac-
turing process and reduce the cost of the wings. After a material trade-off was performed, to be presented in
subsection 10.5.5, it was decided to use aluminum 7075 as the material for the booms. It has a yield strength
of 503 MPa, or 73 ksi, a Poisson’s ratio of 0.33, and a density of 2.81 g/cm3, or 0.102 lb/in3. Although an
analysis and figures were made for all materials considered, in the following subsection’s plots only the results
for Aluminum 7075 will be presented.

10.5.3. Bending
The objective of the section is to design the wingbox in order to be able to carry the stresses present due to
bending while minimizing the weight of the structure. In order to do that, for each of the hundred sections into
which the wing was divided, the stress was analyzed for each of the twenty booms. To calculate the direct stress,
the bending moment distributionsMx andMy previously obtained were used.

The first step was to calculate the centroid of each cross-section, taking into account only the booms, such that:
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x =

∑20
i=1Ai · xi∑20

i=1Ai

(10.22) y =

∑20
i=1Ai · yi∑20

i=1Ai

(10.23)

Where Ai are the areas of each boom and xi and yi are the distances from each boom to the coordinate axes. In
the next step, for each cross-section, the moments of inertia were found. Only the Steiner terms of the booms
were considered, making use of the parallel axes theorem. Each moment of inertia is then given by:

Ixx =

20∑
i=1

Ai · (x− x)2 (10.24) Iyy =

20∑
i=1

Ai · (y − y)2 (10.25) Ixy =
20∑
i=1

Ai · (x− x) · (y − y)

(10.26)
For the whole analysis, the coordinate system established in Figure 10.8 was used. Once all the values are
calculated, the bending stress in each boom is given by:

σz =
Ixx ·My − Ixy ·Mx

Ixx · Iyy − I2xy
∗ x+

Iyy ·Mx − Ixy ·My

Ixx · Iyy − I2xy
∗ y (10.27)

Furthermore, the location of the neutral axis, where the stress σz = 0, can be found with:

tanα =
My · Ixx −Mx · Ixy
Mx · Iyy −My · Ixy

(10.28)

By coding the procedure in Python, the stress for each location of the wing was found, assuming a constant boom
area of 1000 mm2, or 1.55 in2. To calculate the stress, the worst case scenario with the highest wing loading
was used, furthermore, a conventional 1.5 safety factor was applied. The results are presented in Figure 10.11.
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Figure 10.11: Normal Stress due to Bending Along the Wing

Positive stress represents tension and occurs on the lower half of the wing, while negative stress is compressive
and occurs on the upper surface of the wing. To size the materials the absolute value of the stress is the driving
consideration. It can be seen that the stress is a function of the span of the wing, decreasing towards the wing
tip. It also depends on the distance to the neutral axis, being highest in the central portion of the chord. It can be
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seen that the stress is above the material yield strength of 503MPa at the root of the wing, so the wing would
fail because the initial constant area was too small at the root of the wing. Furthermore, it can be seen that the
stress is well below the yield strength for the sections of the wing closer to the wing tip, which means that the
initial constant boom area was too high in those areas and it lowered to reduce the weight of the wingbox.

An optimization procedure was then developed to arrive at the optimal boom areas for each section of the
wing. The objective was to homogenize the stresses along the span by progressively reducing the area of the
booms to achieve a maximum stress of 90% of the material yield strength, fulfilling the load requirements while
minimizing the weight.
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Figure 10.12: Optimized Boom Areas Across the Wing

Recalculating the normal stresses using the optimized boom areas results in the stress distribution presented in
Figure 10.13. Comparing the results with those obtained previously it can be seen that the optimized areas better
distribute the stress and achieve a maximum stress of 90% of the material yield strength all along the span.
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Figure 10.13: Normal Stress due to Bending Along the Wing with Optimized Boom Areas

The optimization procedure was an iterative process where the boom areas of a cross-section at a specific span
location were slightly changed and the centroid, moments of inertia, and stress at each boom were recalculated.
If the stress at any boom was higher than 90% of the yield strength, the areas of the booms at that location
were increased. If, however, the stresses were lower than the objective, the boom areas at that location were
decreased. The optimization ended when the maximum stress at that span location was equal to 90% of the yield
strength. It must be kept in mind that the stresses are calculated for the worse case scenario to be encountered
during flight and, as such, the actual stresses in the wingbox will be much lower for the majority of the time.

10.5.4. Torsion
The objective of this subsection is to optimize the thicknesses of the skin and spar webs in order to resist
the shear flows induced by the torsion distribution characterized in Figure 10.9. For the torsion analysis, the
idealization shown in Figure 10.10b was used. The wing cross-section was divided into three distinct cells
with the use of two spar webs. The cells have been labeled I, II, and III in the figure. The software developed
is capable of optimizing continuously changing thicknesses at each point of the wing. However, to simplify
the manufacturing process, it was decided to use the same skin thickness for all the skin panels; a different
thickness was calculated for the leading edge web of cell I and the trailing edge cell of section III; and lastly, a
third thickness was optimized for the two spar webs dividing the cells.

For each section of the wing, the local thicknesses were optimized. The first step was to find the areas of the
cells and the lengths of each wall based on the wing geometry, taking into account all wing parameters. The
sum of the torques over each cell must then equal the total torque over the entire cross-section. The torque over
each cell is equal to two times the area of the cell, Ai, multiplied by the shear flow, qi, therefore:

T = 2A1q1 + 2A2q2 + 2A3q3 (10.29)

We have then one equation with three unknowns. To obtain the remaining equations to be able to solve the
system, compatibility is used, by setting that the angle of twist dθ/dz must be the same for all cells.

dθ

dz
=

1

2Ar

∮
V

q

Gt
ds (10.30)
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Figure 10.14: Shear Flows Along the Wing

We thus get four equations and four unknowns. Solving the system of equations results in the values of q1,
q2, q3, and dθ/dz. The results for the shear flows are shown in Figure 10.14. It can be seen that the shear
flows increase towards the wing tip since the areas of the cells are much smaller because of the taper ratio. The
reduction in cell area more than offsets the decrease in torsion force due to the decrease in lift force arising from
the lift distribution.

The minimum thickness for each wall at each section can then be obtained by dividing the shear flow at that
wall by the maximum shear stress supported by the material.

τ =
q

t
→ tmin =

q

τmax
(10.31)

To find the shear flow in the webs, the shear flows of both surrounding cells were taken into account. The
analysis was performed for each wing section to obtain the distribution of thicknesses required along the span
of the wing. Furthermore, the required wing structural dimensions were calculated for each material considered,
in order to aid in the material choice.

10.5.5. Material Trade Off
For the material trade-off, the main consideration was the weight of the structure. Several aerospace materials
were considered in the analysis. The required areas of stringers and spar flanges were calculated to resist bending
and the areas of the skin and spar webs were calculated to resist shear flows due to torsion. The area optimization
occurred for each section of the wing along the span, one hundred sections overall. To calculate the weight, the
areas were multiplied by the section length and the material density to obtain the section weight. The weights of
all sections were then added up to arrive at the total weight of the wing. The results are presented in Table 10.4.

The table shows the weights of the structural elements of the wing, excluding mechanisms and any other compo-
nents. As can be seen in the table, steel resulted in the highest structural weight, the reason being that steel alloys
have high ultimate strengths but low yield strengths, which were the design criteria. Titanium performed well
for the weight of stringers and spar flanges but not so much for the skin and spar webs. Titanium is furthermore
significantly more expensive and hard to work with than the other materials. The lightest option would be the
use of aluminum for the internal elements and magnesium for the skin. However, because of the poor corrosion
properties of magnesium and to simplify the manufacturing process by using only one material, it was decided
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Table 10.4: Wing Box Material Characteristics and Structural Weights

Aluminum 7075 316 Stainless Steel Titanium Ti-6AI-4V Magnesium Alloy
Density [g/cm3] 2.81 7.8 4.43 1.77

Yield strength [MPa] 503 290 880 200
Poisson ration 0.33 0.27 0.34 0.35
Total Weight

Stringers and Spar Flanges
[kg]

321 1423 378 463

Total Weight
Skin and Spar Webs

[kg]
299 831 472 189

Total Weight [kg] 620 2254 850 652

to build the whole wingbox out of Aluminum 7075. Aluminum is furthermore easy to manufacture and work
with and presents good corrosion properties. The total structural weight of the wing is thus 620 kilograms or
1367 pounds. That’s the weight for one wing, the weight of the total wing assembly, including both sides of the
upper and lower wings, is, therefore, four times as high, for a total weight of 2480 kilograms, or 5468 pounds.

10.6. Fuselage
The fuselage is the largest part of the aircraft containing all the other systems. Multiple loads from different
parts need to be carried which results in different loading cases, such as the bending loads introduced by the
inertial forces and the landing gear when landing, or the lift forces of the wing and tail during a gust in cruise.

10.6.1. Bending loads
There are multiple sources of bending loads on the fuselage. These include forces introduced through the wing
and stabilizer along both the z and y-axis, reacted by the inertial forces of the mass along the fuselage as well as
different lift and rotor forces. Additionally, there will be the loads introduced by the rotor in helicopter mode,
as well as from the gear when landing. The horizontal loads introduced into the tail causing a bending load are
at their maximum when a gust is encountered in cruise. This changes the instantaneous angle of attack, causing
a lift to act on the surface. This force can be calculated as given in Equation 10.32.

LV T =
1

2
ρV 2

cruiseClV TSv = 36.34kN (10.32)

This lift introduces both a bending moment across the fuselage, while also applying an angular acceleration to
the aircraft. However, the thrusters in the tail create a similar moment to counteract the torque of the rotor. This
force of 58 kN as introduced in subsection 9.2.4 produced by the thrusters exceeds the maximum gust load and
is thus used to calculate the moment distribution.
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Figure 10.15: FBD of Bending About Z-Axis
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This results in a linear moment distribution with a peak ofM = LThr · FThr = 609kN at the point of where
the rotor introduces its torque and linearly reducing to 0 at the point the thruster lies.

A more complicated loading occurs in the z axis, where loading for the maximum load factor during horizontal
flight as well as the landing forces are considered. The freebody diagram for the landing case is shown in
Figure 10.16.

The weight force distribution is obtained by using the masses from each component and distributing it across
the length of that component, multiplied by the load factor of 2.5 as used in the gear sizing. As the landing
occurs on the main gear only, that is the only force considered apart from gravity. As it is a dynamic event, there
is an angular acceleration as well during the landing. This angular acceleration is given by α =

FMGlMG−CG

Iyy
where the moment of inertia is obtained from the CAD model. The landing gear force is calculated to be the
maximum take-off weight times the load factor n.
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(a) Landing Case - Free Body Diagram
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Figure 10.16: Fuselage Bending - Landing

Thus the shear force distribution and moment distribution can be calculated as shown in Equation 10.33, with
the landing gear contributions only being considered when the cutting plane is rearwards of the landing gear.

V z =

∫ x

0
nm(l)g −m(l) ∗ αl

2
dl − FMG My =

∫ x

0
nm(l)g − If (l)αdl − Fmg · (x− xcg) (10.33)

Herem(l) and If (l) represent the mass and inertia distribution across the front section of the aircraft up until the
cutting plane. The maximum bending moment for this load case is 2.07MNm at the point where the landing
gear touches down.
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Figure 10.17: Fuselage Bending - Maximum Gust case
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The second critical load case for the fuselage bending is a gust at MTOW flying at cruise speed. This is a
conservative assumption, as the aircraft will have burnt at least some fraction of the fuel to arrive at cruise speed,
thus reducing the loads. The free body diagram is shown in Figure 10.17. Here the same mass distribution as for
the landing loadcase can be used. The equations for the shear and moment distribution are very similar to those
of the landing case, however instead of a singular force from the landing gear and angular acceleration, in this
case, there will be two distributed forces from the wing and the horizontal stabilizer. These forces from both the
lift and weight will be multiplied by the maximum load factor n = 3.8 to reflect the maximum loading. Thus,
the equations are the same, but instead of subtracting the gear contributions once the cutting plane is rearwards,
the wing and stabilizer will only be considered once the cutting plane is alongside those surfaces. This results
in Equation 10.34.

V z =

∫ x

0
nm(l)g − Fw(l)− Fs(l)dl My =

∫ x

0
nm(l)gdl (10.34)

The maximum bending moment of this load case is 1.67MNm, with the maximum occurring at the joint be-
tween the wing and the fuselage.

10.6.2. Internal Torque in Fuselage
The vertical tail serves to stabilize the aircraft around the yaw axis in flight. To do this, it will introduce a force at
its aerodynamic center that acts perpendicular to the flight direction along the y-axis. As this aerodynamic center
can be misaligned with regard to the center of gravity, it will introduce a torsion along the fuselage in addition
to bending. Similarly, the thruster will also introduce a torsion load into the fuselage while hovering. This
produces two different torque loads. The torque from the tail thruster will be reacted from the rotor introducing
a rolling moment resulting in a constant torque across the fuselage between the tail and rotor with a magnitude
of T = FThr ·HThrCG = 87kNm.

The horizontal force from the stabilizer will be reacted by inertial forces as the aircraft gains angular acceleration
from the force as shown in Equation 10.35. The moments of inertia around the x-axis are estimated from the
CAD model that was created for the aircraft.

α =
FThr ·HThr

Ixx
(10.35)

With the angular acceleration, the free body diagram and torque along any position of the fuselage can be
constructed as shown in Figure 10.18.
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Figure 10.18: FBD of Horizontal Stabilizer Gust Loads
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Using these diagrams the equation for the internal torque is calculated in Equation 10.36 using the left half of
Figure 10.18 and Equation 10.35.

Mint = If · α =
If

If + Ir
FHt ·HHt (10.36)

The front and rear moments of inertia are determined by measuring the moments of inertia of every component
using the CAD model and distributing it evenly along the length of that component. Thus a moment of inertia
per unit length can be constructed for each component, which is added from the front to the point at which the
equation is evaluated. When this equation is evaluated along the length of the entire aircraft using the previously
determined horizontal stabilizer force and a distance of the application of the force to the center of gravity of
1.5m the diagram shown in Figure 10.19 is obtained.

Figure 10.19: Fuselage Internal Torque

It can be observed that a large internal torque persists until around the midpoint of the aircraft. This is due to
the fact that a large part of the moment of inertia of the aircraft is due to the wing and rotor, which have a large
moment of inertia and are attached only to the center of the aircraft, resulting in a large drop in the internal
moment around those attachments, while ahead of these components the fuselage, payload, and other systems
are kept close to the center of gravity.

10.6.3. Design
As the aircraft is designated to carry cargo and three crew, an unpressurized fuselage with a small pressurized
volume for the crew in the cockpit will be used. This enables a lower weight, due to the fuselage only having
to carry the previously calculated loads. As the fuselage does not need to be a pressure vessel, the fuselage
will be a rounded rectangle shape to reduce the frontal area while still allowing the required payload size to
be accommodated. Similar to the wings, the fuselage will be constructed from skin with stringers and frames.
These stringers are responsible for carrying the majority of the calculated bending loads, while the skin forms
a closed section carrying the torsion through the fuselage. As no windows will be required along the payload
bay, the only large cutout in the skin will be the payload ramp in the rear. Thus the majority of the fuselage can
take advantage of the light and strong stringer on skin construction, with local reinforcements around the ramp,
especially since the ramp is the location with the largest internal torque.

The material selected is based on the cost function ratio of strength to density. Comparing common materials
that are used for aircraft structures, such as aluminum, carbon fiber and stainless steel. Of these, the strength-
to-weight ratio of carbon fiber is the greatest, with possible weight savings of up to 30% possible compared to
more traditional materials. This will enable large weight savings to increase performance.
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10.7. Mechanisms
In this section, the design of the mechanisms needed is showcased. These mechanisms are conceptualized below
in the following subsection. There are three key mechanisms, specifically the retracting rotors, the lowering of
the main rotor and hub, and the stowing of the main rotor and hub in the body of the fuselage and wings.

10.7.1. Blades Retraction
The concept of retracting the blades in flight is not novel. In 1969 Sikorsky began wind tunnel testing on
the ”Telescopic Retracting Aircraft” rotor [72]. The development and testing of this concept came to light in
order to make feasible the stored rotor in flight compound concept and increase the cruise speed capability of
compound configurations. The principle employed is to store a jack-screw in the internal structure that connects
the extended portion of the rotor to the fixed portion, through anchored nuts. The concept tested by Sikorsky
lead to a number of benefits, including static and dynamic force reductions. Reducing the rotor radius also
decreases the aeroelasticity problems at high speeds and increases the stability of the blade during the lowering
phase of the transition.

In Figure 10.20 a top view cross section of a single blade can be seen. The concept retracts the final third of the
rotor into the first two thirds. To do so each blade will contain a threaded titanium rod connected to an electric
motor. The threaded rod will sit inside a threaded cylinder attached to the final section of the blade. Actuating
the motor will extend or retract the blades. The final third of the blade will also extend inside the non-actuated
part of the blade. This combined with the cylinder will add structural rigidity to the blades. For redundancy, the
blades can be extended without the electric motor by disengaging the actuator gears and utilizing the centrifugal
forces experienced when the rotor are rotated.

Figure 10.20: Blade Retraction Mechanism Design

A key consideration in the detailed design of the structure will be to account for the increase in chord at the
rotor tip’s. The tip trailing edge extends past that of the trailing edge of the fixed portion of the blades. To
account for this the structure at the trailing edge of the fixed section of the blades will need to split along chord
and open to accommodate the increased chord. This is not considered a problem as the structural component
of conventional blades is housed in the forward half of the chord, with the aft half usually consisting of a foam
or honeycomb structure. Additionally, the required hinge location is past the structural portion of the rotor and
the deflection required would be a few degrees. The part of the fixed blade that needs to split and accommodate
the extended chord can be latched mechanically by the portion of the extended section that remains within the
fixed blade section. Further analysis should be conducted as to the material selection of the internal structure
in the second third of the blade to optimize for structural rigidity of the entire blade while allowing for ease in
storage.

10.7.2. Rotor Hub Lowering
The lowering of the hub requires a combination of mechanisms working in tandem, specifically a lowering
mechanism, a breaking mechanism and locking mechanism. The process the mechanism will follow includes
first disengaging the engines from the rotor and allowing it to windmill. Once the rotors are windmilling the
breaks are engaged and the rotor is brought to a stop. Once the rotors are stopped, then the mechanism in subsec-
tion 10.7.1 can be activated. Then the lowering of the hub and rotors can begin, This will then bring the entire
system into the fuselage and wings. When the rotors are close to the body, the mechanism in subsection 10.7.4
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are actuated allowing access to the storage compartments and a mechanical groove will maintain the alignment
of the rotors with the compartments. In Figure 10.21 a front view cross section can be seen of the concept.

Payload Bay Payload Bay

Main Rotor Components

Raising and Lowering Components

Breaking Components

Engine Drive Shafts

Fuselage & Wings

Electric Motors

Key:

Extended Configuration Retracted Configuration

Figure 10.21: Hub Lowering Mechanism Design

The concept leverages the beveled gears connecting the engines to the main rotors and lowers the entire hub
downwards physically disengaging the main rotor from the gears of the engines. The lowering is facilitated
by jack screws mounted above the payload bay. Actuated by electric motors the jack screws connect to the
hub through a bearing at the base of the mast. The braking mechanism sits above the bearing. In-flight the
lift generated by the rotors will force the mast and hub to constrain between the engine gears and the bearing
locking it in place for powered flight.

10.7.3. Rotor Brake Design
The aircraft design calls for the storage of the main rotor during cruise to increase the aerodynamic performance.
In order to do so, themain rotor needs to be stopped in the correct orientation before it is lowered into the fuselage
and upper wings. For safety reasons, the brake is sized so that it is able to stop the rotor while it is spinning
at maximum rotational speed. That is the case when the rotor wing tips achieve Mach 0.92, which was the
maximum design speed. For a speed of sound of 340 m/s at sea level conditions, the rotational speed is 24.5
rad/s, or 234 rpm, since the blade radius is 12.4 meters.

The moment of inertia of the rotating blade assembly, conservatively assuming a thin flat plate, is:

I =
1

2
·M ·R2 (10.37)

The mass of the each blade is 186 kg, and the mass of the hub is 415 kg, which gives a total spinning mass
of 972 kilograms. The moment of inertia is thus 74727 kg/m2. The rotational kinetic energy of the system is
given by:

Erotational =
1

2
· I · ω2 (10.38)

Using the values stated previously, the rotational energy comes out to be 23.83 MJ. All that kinetic energy needs
to be absorbed and dissipated by the brakes in the form of heat. Since the brake operation occurs infrequently,
only twice throughout the mission profile, active cooling of the brake won’t be required and the brake will be
cooled through cooling ducts with air-stream flow. Therefore, the brake will be sized to be able to initially
absorb all the heat generated and slowly dissipate it after.

The usual brake system for aircraft landing gears consists of a closed system with a stack of static and rotating
disks, to which a pressure force is applied to push the disks together. There are several options for the brake
material, the most common among which are steel or carbon fiber-carbon composites, also known as C/C. The
material properties of both materials are presented in Table 10.5.
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Table 10.5: Brake Disk Material Characteristics

Steel C/C Composite
Specific Heat [J/g*K] 0.59 1.42
Thermal Conductivity [J/m*s*K] 59 100-150
Coefficient of Linear Expansion [1/K] 14e-6 5e-6
Upper Operating Temperature [ºC] 1500 2500
Density [g/cm3] 7.8 1.7

Given the specific heat and the difference between the maximum operating temperature and the ambient tem-
perature, the mass of brake material required to act as a heat sink for the total amount of rotational energy can
be calculated. It comes out to be 14.9lbs (6.76kg) for C/C brakes and 35.89lbs (16.28kg) for steel brakes. It is
thus decided to opt for carbon-carbon as the material of choice.

Additionally, carbon brakes are optimal for the system since carbon brakes wear out mostly based on the number
of brake applications, whereas steel brakes wear out proportionally to the applied brake duration. To brake the
rotor, only one long application is needed and so carbon maximizes the lifespan of the brakes.

Carbon disks wear out faster when cold; so to maximize the life of the component, the brake sequence will start
by applying light pressure in order to heat up the brake until the optimal temperature is achieved, from which
point onward higher brake pressures can be applied.

To minimize the weight of the system and improve safety, an electromechanical brake actuation system will be
used, as opposed to a hydraulic system. Electromechanical actuators remove the need for complex hydraulic
piping systems and avoid hydraulic fluid leaks, which jeopardize safety, pose fire dangers and are damaging to
the environment.

10.7.4. Rotor Storage
The last key mechanism required to transition from hovering to forward flight mode is the storage compartment
access doors. The fuselage and wings will contain doors that actuate along the skin and open to give access to
the storage compartments below. The location of the storage compartments can be seen Figure 10.22, with each
top wing and the fuselage aft of the rotor hub having storage space.

Redraw with Hub Doors also

Figure 10.22: Storage Mechanism Locations

In figure Figure 10.22, the central section, seen as the dark oval where the hub is located will be closed by a
skin that slides under the fuselage forward of the hub gap, closing the gap in forward flight and stowed out of
the flow in hovering. This can be seen in seen in Figure 10.23, where the door is actuated forwards and aft to
open and close the hub compartment. To counter the vortexes in hover that may be generated with the storage
compartment being open, the mast and gap will be covered with a flexible material to close off the interior from
the exterior, this material will deform to allow the storage and stretch to cover the gap when the mast is extended.
To actuate the storage door, electric motors will be used.
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Figure 10.23: Hub Storage Mechanism

The wing and fuselage storage compartments work with two doors, with each door sliding open along the skin
of the fuselage or wing. Electric motors will be positioned along the edges of the compartments to actuate the
doors when the rotors are to be lowered or raised. A cross-section of the starboard wing compartment can be
seen in Figure 10.24. Showcasing how the storage bays will open and close to house the rotors. The inner
surface of the compartments will be lined with flexible material to both protect the blades but also allow for the
pressure to assist in forming the blades into the space when lowered. This will likely be needed to counter any
dynamic movements generated from the flow velocities during lowering.

Key :

Rotor Blade

Electric Motor Gears

Wing

Retractable Skin Doors

Vertical Flight Configuration

Transition Flight Configuration

Cruise Flight Configuration

Figure 10.24: In-Wing Rotor Storage Mechanism
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These mechanisms will work with the maneuvers characterized in Figure 7.2. There will need to be further
structural and aerodynamic analysis to determine the exact behaviors of these mechanisms and their respective
sizes and capabilities.

10.8. Loading Diagram
The loading diagram using the calculated empty, the payload and fuel weights and their respective location of
the center of gravity a loading diagram is constructed. This illustrates the variation of the center of gravity
depending on the loaded fuel and payload and is shown in Figure 10.25.

Figure 10.25: Loading Diagram

As can be seen the center of gravity excursion is located between around 0.8 to 1.45 around the mean aerody-
namic chord’s leading edge in units of the mean aerodynamic chord, which will be further used for the stability
calculations. However, the center of gravity moves a large amount in the case of loading the payload only in
the front or back. This is valuable to gain an understanding of how much the center of gravity moves during
loading, thus giving the requirements for rear tip over on the ground. For this case, as mentioned earlier, this
is not a large concern due to the large margin towards the gear afforded by the vertical take-off as mentioned
in section 10.2. For stability, not the entire range of center of gravities will be considered, but only the most
forward and rear that are found when fully loaded or empty, but no positions in between. This will place a
constraint on the payload distribution in the cargo bay, but will allow for better stability and controllability.

10.9. Component and total weights
From the refined design for the XV-25 Griffin a Class II weight estimation for each component is produced. The
method and equations for the estimation of each weight can be seen in the Baseline Report [5]. The values were
updated with more accurate inputs given from the different departments after further and more in-depth analysis.
Some components, for example, the engine, were sized with direct calculations and statistical analysis, while
others were determined from commercial off-the-shelf components. To account for the estimation and snowball
effect of changes all weights are inflated by 5%. The effect of this is not insignificant as all departments optimize
their analysis based on these estimations. An overview of the different sub weight groups is seen in Table 10.6.
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Table 10.6: Vehicle Weights (Components Inflated by 5%)

Component [lbs] [kg]
Blades Total 3,792 1,720

Hub 2,179 988
Wings Total 6,181 2,722

Gear 2,770 1,256
Fuselage 5,842 2,650

Horizontal Tail 272 123
Vertical Tail 121 55
Engine Intake 655 297
Fuel System 941 427
Drive System 6,925 3,141
Engines 4,396 1,994

Other Systems 4,384 1,988
Crew 750 340

Operating Empty Weight 38,457 17,444

Fuel 18,001 8,165
Payload 6,001 2,722

Maximum Take Off Weight 63,194 28,644

The total empty weight of the vehicle is estimated to be around 63.194 lbs ( 28.64 tons) with an empty weight
of around 36’457 lbs (17.4 tons).

10.10. Verification & Validation
It is necessary to ensure the calculations performed, and thereby the results found, are rooted in reality and are
not corrupted due to either errors performed in the implementation of the code or due to errors in the models used
to calculate the results. Thus, verification is performed to ensure no errors were made in the implementation
and calculation, while the results are validated with experimental data where available, or other means in case
it is not.

Constant Loads and stresses
For the different load and stress calculations across the different parts of the aircraft, different types of programs
were implemented. These were verified by using simple cases, such as simple beams with constant distributed
loading, and computing the resulting loads both through the program and analytically.

Rotating Loads and Stresses
For the rotating components, a simple lift and centrifugal force distribution was calculated analytically to com-
pare the results to verify the code. To validate it, the results from the final code were compared with the results
from a study performed by Mikjaniec on the SHARCS rotor blades [73], which showed close resemblance to
the results obtained by the code when using the same inputs..

Regarding fatigue, the material properties, and especially the Wöhler curves that were used are obtained by
experiment, and thus are considered to be validated. However, the load determination on the hub is currently
only verified through analytical checks but not verified. It is likely that it will also not hold up to validation,
as it is known that the simplified model used here is not accurate for the flapping motion. This is a point of
improvement that shall be considered in further development.

Component and Total weight calculations
The component and total weights calculations are verified by calculating sample components both analytically
and using the code that was written. Once it is verified using that method, multiple example aircraft provided
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by both [12] and [74] were used to compare the outputs of the weight estimations given the parameters of
each aircraft to the actual weight of the aircraft. Comparing the weight estimates using the inputs from the
V22-Osprey showed results that were within 5% of the weight of the real V22.



11
Control and Stability

11.1. Vehicle Description
The XV-25 Griffin Compound Aircraft is part of the truly niche industry of HS-VTOL. There, it is essential
for the vehicle to be controllable in all phases of the mission profile. Due to the complexity of the vehicle
control required for hover and cruise, a fly-by-wire system is adopted. The aircraft contains different controls
for different phases of flights.

11.1.1. Rotary Wing Flight
In conformity with the mission profile, the vehicle initially takes off in a helicopter manner. The pilot manipu-
lates the flight control to achieve and maintained controlled flight. Changes in the flight control system allows
the aircraft to maneuver in the desired motion. The controls can be separate into cyclic (longitudinal and lateral),
collective, throttle and anti-torque pedals. These controls will function similar to a conventional helicopter for
simplicity and ease of pilot training.

A conventional swash plate is used to translate the pilot’s collective and cyclic inputs to the main rotor and
achieve the desired motion. The swash plate tilts the main rotor disk in order to match cyclic input. The swash
plate simultaneously allows increase or decrease of the blade pitch angle, causing the aircraft’s ascend or descend
from collective input. The pilot is allowed the given range in which the vehicle is operational.

The anti-torque pedals control the yaw rate and direction the nose faces. This is linked to the pressured gas yaw
control posts showcased in chapter 9. This is used similar as the F-35 does for roll control in VTOL. The Griffin
redirects the engine bleed air to the tail in order to maximize the moment arm. Applying force on the pedals
allows for the post to bleed air and control its heading and yaw rate.

11.1.2. Fixed Wing Flight
During fixed wing flight, the control surfaces of the aircraft translate pilot input to the desired maneuver. The
control surfaces are placed along the wings and tail as per a traditional airplane. The aircraft possess an H-Tail
in order to provide longitudinal and directional stability and control. Conventional ailerons are located on the
main wing in order to provide roll control and maneuverability. Furthermore, the vehicle possesses plain flaps
for additional lift during transition. The pilot controls the stick, throttle and rudder pedals. The stick allows for
pitch and roll control by deflecting the elevator and ailerons using actuators. The throttle increases or decreases
the thrust of the engines to the desired amount for the phase of the flight. The rudder pedals actuate the rudder
for to change the heading and yaw.

Table 11.1: Compound Control Angles

Minimum Maximum
Longitudinal Cyclic [deg] -11.0 +8.7

Collective [deg] -0.5 10.0
Elevator (+ve up) [deg] -15 10

Rudder [deg] -15 15

11.2. Equations of Motion
In this section, the equations of motion for the Griffin are elaborated upon. This project will restrain to the
longitudinal direction. The free body diagram for longitudinal equilibrium is presented in Figure 11.1. XB

points in the body’s tangential direction, positive left, and ZB points in the body’s normal direction, positive
downwards. Similarly,XS and ZS determine the stability axis. In the free body diagram showcasing the lateral

99
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geometry, the main contributors to the forces are the upper and lower wings, the horizontal stabilizer, the rotor,
and the forward propulsion unit.

Figure 11.1: Geometry of the XV-25 Griffin

(←+)
∑

FXB
= TE + (LU + LL + LH) sinα− (DU +DL +DH +DF ) cosα

−TR sin (θc + a1)−DR cos (θc + a1)−W sin θf
(11.1)

(↓+)
∑

FZB
= −(LU + LL + LH) cosα− (DU +DL +DH +DF ) sinα

−TR cos (θc + a1) +DR sin (θc + a1) +W cos θf
(11.2)

(CW+)
∑

MYB
=MF +MU +ML +MH + cosα(LU lW + LLlw +DU lU −DLhL

−LH lH +DHhH) + sinα(−LUhU + LLhL − LHhH +DU lW −DLlW

−DH lH)− TEhE − TR cos (θc + a1)lR + TR sin (θc + a1)hR

+DR cos (θc + a1)hR +DR sin (θc + a1)lR

(11.3)

Furthermore, the equations for translation, rotation, and Euler angle rates are established in Equation 11.4,
Equation 11.5 and Equation 11.6 [75].

Fx = m(u̇+ qw − rv)
Fy = m(v̇ + ru− pw)
Fz = m(ẇ + pv − qu)

(11.4)
Lx = Ixṗ− Ixz ṙ + qr(Iz − Iy)− Ixzpq
My = Iy q̇ − rp(Ix − Iz) + Ixz(p

2 − q2)
N = Iz ṙ − Ixz ṗ+ pq(Iy − Ix) + Ixzqr

(11.5)

ϕ̇ = p+ q sinϕ tan θ + r cosϕ tan θ

θ̇ = q cosϕ− r sinϕ
ψ̇ = (q sinϕ+ r cosϕ) sec θ

(11.6)

The report will focus on the longitudinal case in horizontal flight. The longitudinal components can be easily
decoupled from the lateral and directional components. Therefore, in Equation 11.7 the following are neglected
for symmetric aircraft in horizontal flight: Ixz = 0, r = 0, p = 0, cosϕ ≈ 1.
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Fx = m(u̇+ qw)

Fz = m(ẇ − qu)
My = Iy q̇

θ̇ = q

(11.7)

These can be used to determine the static stability in section 11.3 and later to compute dynamic stability in
section 11.5.

11.3. Static Stability
Achieving Static longitudinal stability with the Griffin led to major challenges. The challenge origins from the
core of the compound, storing a rotor inside a wing. For this, the rotor center and blades must align with the
wing. This therefore effects the method in which the wing and rotor hub are in place with respect to the aircraft.
The aircraft must be statically stable during hover, yet it is desired to remain statically stable in flight. These
are inherently conflicting in the way each are individually place for a conventional vehicle. As the aircraft
makes use of a fly-by-wire system, the stability during cruise proved to be the lesser constraint. The first step
is to achieve static stability for vertical flight and hover. Following, a preliminary sizing of the horizontal tail
in order to achieve longitudinal static stability in horizontal flight, meanwhile compromising with the desired
static stability for vertical flight.

11.3.1. Static Stability in Hover
The configuration of the Griffin proved to be challenging in order to achieve Static Stability in Hover. This is
shown in Figure 11.2 and Equation 11.8.

Figure 11.2: Aircraft Description in Hover and Vertical Flight

∑
Fx = TR sin θf + θc − TE cos θf = 0∑

Fz = TR cos θf + θc + TE sin θf −mg = 0∑
My = −TEzE + TR cos(θc)lR + TR sin(θc)hR = 0

(11.8)

with TE the engine thrust non zero as the engines are on to provide rotor thrust TR. The sum of forces is quite
simple to fulfil, however, the sum of moments is difficult to meet. As θf is constraint by the blade clearance
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and the engines must be sufficiently far away in order not to impact the down wash requirement. The sum of
moment has proven to be most challenging, as it becomes clear that a significant amount of thrust is required to
overcome the moment perceived from the rotor and vehicle cg off set. This further impacts the cyclic and pitch
angle and required Engine Thrust. In order to overcome this issue, a trade-off was established in Table 11.2.
The F-35 engine is already proven effective to allow thrust vectoring in VTOL. After preliminary sizing, this
does come with significant weight impact to the weight budget, which can not be met at this step in the design
without significant re-design of the rotor. Thrust Deflector are significantly lighter and the mechanism

Table 11.2: Thrust Dump Mechanisms Trade-Off Table

Weight Thrust Vectoring Thrust Deflection
Weight 3 1 3
Complexity 1 1 2
Effectiveness 2 3 2
Final score 6 1.66 2.5

Thrust deflection in the form of thrust reversers are chosen. They are used to deflect the flow in the lateral
direction in an equally distributed manner. This allows the engine thrust component to be neglected in the X
and Z directions, along with the moment it would provide.

Furthermore, the Rotor Hub must be position in such manner to provide sufficient clearance with the utmost
edges of the vehicle. The constraining elements are the utmost wing tips and the tail of the aircraft. Note that
the pitch of the aircraft required for equilibrium is directly linked to

In order to minimize such cg offset and allow the aircraft to be statically stable at MTOW and OEW, The place-
ment of key heavy components were revised. This is completed such that to minimize the cg range the aircraft
may perceive. This cg range must be minimal, as the maximum and minimum pitch angles are constrained by
the vehicle geometry in order to provide clearance to the forward swept wings and the tail. Therefore, fixed
elements such as the gear-box and engines were placed as far away from the cg. On the other hand, elements
such than cargo pay and fuel were placed as close to the determined cg. Then, the wing can be position along
the fuselage. Note that in the compound case, the wing group is composed of the box wing itself, in-wing fuel
storage and the entire rotor blades, hub and mechanisms. After numerous iterations, the placement leading to
minimal cg range was determined. The distance from the nose to the leading edge mean aerodynamic chord
is fixed to 16.4 ft (5.89m). This allows the computation of the constraining angles from vehicle geometry.
Note that in operation, the blades showcase coning, allowing for further clearance and maneuverability. The
following parameters were determined in Table 11.3.

Table 11.3: Clearance Angles for Aircraft Hover

Forward Most Aft Most
CG Location xcg

c 0.908 1.187
Resultant θf [◦] -4.52 7.46
Clearance [◦] 6.58 3.68

Note the clearance is from the tail when the cg is most forward and from the wings when the cg is most aft. As
seen from Table 11.3, the clearance allows sufficient margin for maneuverability in hover. In addition, the aft
most cg is an extreme condition in case the aircraft carries no payload or fuel. Droop stops are used to ensure
the rotor never comes in contact with each wing nor the tail.

The directional stability of the aircraft will function as per conventional helicopter described by Prouty [12].
Concerning the differences with traditional helicopters, the main rotor provides a torque which is counteracted
using pressured gas and the flow deflectors during hover. The directional stability of the aircraft is mentioned
for completeness and will not be elaborated further.
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11.3.2. Static Stability in Forward Flight
The static stability is essential for forward flight and necessary for dynamic stability in section 11.5. The vehicle
is first described in Figure 11.3 to be determined in the non-dimensional form in the body axis. In this section
of the flight, the rotor has been stored, and its impact is neglected.

Figure 11.3: Fixed Wing Simplification
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+
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(11.11)

The aircraft stabilizer is sized for forward horizontal fixedwing flight, and later discussed the effects of transition
upon the stability of the aircraft.

For a given section of the horizontal flight, the compound can be visualized as a conventional aircraft, in which
stick fixed static stability and the neutral point may be determined. Neutral point refers to an existing point at
which the resultant of the lift forces variation when perturbation is applied [76]. If the aircraft is longitudinal
statistically stable, it shall respond to perturbations in the lifting forces by an opposite moment. Therefore, an
increase in angle attack should correspond to a pitch down moment:

dCm

dα
< 0

As the flight conditions are numerous and vary during flight, longitudinal trim is obtained through variation of
the horizontal tail lift. Furthermore, as the surface and airfoil section are fixed, this variation is done through
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change in angle of attack αh. This can be done through the use of control surfaces and the adjustment of the
entire surface.

The following table Table 11.4 showcases the trade-off between different tail setting configurations. A fixed
tail is fixed to the fuselage through joining techniques, unable to change its angle of attack. An adjustable tail
allows minor adjustments in which a pilot may set its angle. Lastly, the all moving tail allows direct movement
from pilot stick input.

Table 11.4: Tail Setting Configuration Trade-Off Table

Weight Fixed Adjustable All-moving
Weight 3 3 2 1
Simplicity 2 3 2 1
Maneuverability 1 1 2 3
Final score 2.66 2 1.33

As seen above in Table 11.4, the fixed tail is chosen. The absence of an additional rotation mechanism and
its simplicity overcome its maneuverability benefit. Maneuverability can be achieved using an elevator later
designed in section 11.4. Furthermore, the trim capability benefits of the adjustable are less significant due to
the relatively short flight time of the compound.

The horizontal tail airfoil must generate the required lift with minimum drag and minimum pitching moment.
Furthermore, as cg changes during flight from fuel consumption, the horizontal tail may require to generate
positive and negative lift. Therefore, a symmetric airfoil is chosen. The NACA 0012 is chosen for its simplicity,
trivial solution and thickness to provide structural capability for the vertical wings of the H-tail.

The horizontal tail does not perceive the same angle of attack as the main wing. This is due to tail incidence
angle ih and the down wash ϵ of the wing, which can be corrected using Equation 11.12 and Equation 11.13. At
this preliminary stage of the design, the down wash from the rotor in the pre-transition phase is not accounted
for. This will be corrected by ensure that the elevator offers a large range of deflection in section 11.4

αh = αw + ih − ϵ (11.12)

dϵ

dα
=

2CLαw

π ·AR
(11.13)

The aerodynamic center of the aircraft is a crucial point for static stability and controllability of the aircraft.
This is essential, as the more aft xac, the more stable the aircraft becomes. On the other hand, in the case of
forward swept wing, the fuselage presents destabilizing effect due to the nose effect and lift loss at wing fuselage
crossing. In conventional aircraft the nacelles also contribute to an effect, yet the engine is located within the
fuselage the effect upon the aerodynamic center may be neglected. This point is therefore corrected to compute
the wing-fuselage aerodynamic center in Equation 11.14. In addition, the moment around this point is also
calculated in Equation 11.15 using parameters from Table 11.5

(
xac
c

)wf = (
xac
c

)w +
1.8

CLαA−h

bfhf lfn

sc
+

0.273

1 + λ

bfcg(b− bf
c2(b+ 2.15bf )

tanΛ1/4 (11.14)

Cmacwf = Cmoairfoil

ARcos(Λ)2

AR+ 2cos(Λ)
− 1.8(1−

2.5bf
lf

)
πbfhf lf
4Sc

CLo

CLαA−h

(11.15)

As the H-Tail is fuselage mounted, the tail wing speed ratio (Vh
V )2 = 0.85 due to the perturbing presence of the

fuselage.
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Table 11.5: Aircraft Correction Parameters

Fuselage width bf 6.56ft (2.6m)
Fuselage height hf 9.84ft (3.4m)
Length nose to LE lfn 2.92ft (7.1m)
Mean geometric chord cg 6.56ft (2.6m)
Fuselage length b 65.6ft (20.2m)
Aerodynamic center Aircraft less tail (xac

c )wf -0.30
Moment coefficient Aerodynamic center Aircraft less tail Cmacwf -0.814
Lift Slope tail CLαh

4.324 1/rad
Lift Slope Aircraft less tail CLαA−h

2.348 1/rad

Cmac + CLαA−h(xcg − xac) =
CLαhShlh

Sc

(
Vh
V

)2

(11.16)

Sh
S

=
1

CLαh
CLαA−h

(
1− dϵ

dα

)
lh
c̄

(
Vh
V

)2 x̄cg −
x̄ac − S.M.

CLαh
CLαA−h

(
1− dϵ

dα

)
lh
c̄

(
Vh
V

)2 (11.17)

With CLαA−h, the lift coefficient of the aircraft less tail of 2.348 [76], S.M. as the stability margin of 0.05.

Furthermore, the tail is simultaneously designed for controllability by rearranging the trim equation as seen in
Equation 11.16.

Sh
S

=
1

CLαh
CLαA−h

lh
c̄

(
Vh
V

)2xcg +

Cmac
CLαA−h

− xac
CLαh

CLαA−h

lh
c̄

(
Vh
V

)2 (11.18)

Here it is seen that elements conflict with stability and controllability, such as moving the aerodynamic center
forward for trimmability yet impacts the stability.

It was determined that choosing the smallest surface ratio is convenient for cruise flight yet complicates static
stability and control when the rotary wing is used. Furthermore, the cg range determined in subsection 11.3.1
is used to showcase static stability and controllability for cruise, transition, and hover. This is observed in
Figure 11.4.

Figure 11.4: Scissor Plot for Static Stability and Controllability



11.4. Control Surface Sizing 106

Table 11.6: H-Tail Geometry

Horizontal Tail Vertical Tail
Surface Area ft2(m2) 171(15.96) 32.1(2.98)
Span ft(m) 27.4(8.35) 8.01(2.44)
Average Chord ft(m) 6.27(1.91) 4.00(1.22)
Aspect ratio 4.36 2.00
Sweep deg 35 35
x− xc.g. ft(m) 39.4(12.42) 45.9(14.72)

This leads to the following wing parameters determined using the same method as section 8.2.

11.3.3. Vertical Tail Sizing
The vertical tail is essential for directional stability. The Tail is designed to be efficient in cruise and should
allow sufficient moment for one engine inoperative scenario. Similar to the horizontal tail, the vertical tail can
be preliminarily sized through statistics [75] for transport jet. This lead to a tail volume coefficient of 0.090
shown in Equation 11.19.

Vv =
lvSv
bS

(11.19)

Similar to the vertical tail, 5[deg] of sweep may be added. In addition, the vertical tail is out of the wake of
the horizontal stabilizer and therefore more effective. It is also important to note that the vertical tail is not
symmetric with respect to the horizontal stabilizer, as it allows clearance with the rotor blades. In order to
obtain directional trim, it is sized for one engine inoperative and cross wind landing. Note that the aircraft is
capable of conventional landing using fixed wing only. However, this is not a driving parameter, as the tail is
sized for effective control from stall speed and over. Furthermore, the sum of forces and moment shall be null
for directional static stability. ∑

Fx = 0∑
Fy = 0∑
Nz = 0

(11.20)

The vertical stabilizer will be fixedwithout an angle of incidence using the airfoil NACA0012 for similar reasons
as the horizontal tail. This allows directional control using the rudder when in maneuvering operations such as
turning flight and spin recovery. From there, a rudder may be sized.

11.4. Control Surface Sizing
Once the longitudinal forces andmoments are in equilibrium, the aircraft is longitudinally trimmed. The elevator
then plays a key role in order to trim the aircraft over the range of operational velocities.

In conventional aircraft, the elevator is sized for take-off rotation, as this is the critical point at which a minimum
rotational acceleration is set according to Roskam [75] However, as the compound aircraft is designed for VTOL,
this requirement will not be driving. The elevator is therefore sized for longitudinal trim across the velocity
range. This is determined using Equation 11.21 in which the moment coefficient of the aircraft Cmo

Cm = Cmo + Cmα(α− αo) + Cmδe
δe = 0

Cmo = Cmac − CLα(αo − ih)(
Vh
V

)2
Shlh
Sc

Cmα = CLwα

xcg − xw
c

− CLhα
(1− δϵ

δα
(
Vh
V

)2
Shlh
Sc

Cmδe
= −CLαh

be
bh
τe(

Vh
V

)2
Shlh
Sc

(11.21)

To evaluate the elevator sizing required for the vehicle, The method found in [77] is used to determine Cmδe
.

The tail configuration is an H-tail, therefore the ratio between the control surface and lifting surface bE
bh

is 1.
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This also is done for ease of fabrication. Furthermore, the elevator effectiveness parameter τe is determined
using Figure 11.5a. The elevator size is obtained in

(a) Control Surface Angle of Attack Effectiveness Parameter [77]
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(b) Elevator Deflection Over Angle of Attack α

Figure 11.5: Elevator Sizing

Table 11.7: Elevator Parameters

Description Subscript Value Range [75]
Surface ratio [-] Se/Sh 0.4 0.15 - 0.4
Span ratio [-] bE/bh 1 0.8 - 1
Chord ratio [-] cE/ch 0.4 0.2 - 0.4
Maximum Elevator Deflection [deg] δemaxup -15 (-15) - (-25)
Maximum Elevator Deflection [deg] δemaxdown +10 (+10) - (+20)

It can be seen that a small elevator input is required for a large variation in angle of attack. This show that the
aircraft is relatively unstable. This is accepted as the fly-by-wire system is used. Furthermore, the actuators
require small distances and therefore can be executed faster. The elevator is set such that minimal elevator is
required during cruise when the aircraft weight is between the MTOW and OEW. As previously mentioned, the
effects of rotor down wash were not taken into account when designing the tail. As it is anticipated to reduce
effectiveness along the horizontal tail, this given elevator size is expected to fulfill control and stability in the
pre-transition stage.

11.5. Dynamic Stability
11.5.1. Setup of the State-Space System
To evaluate the longitudinal dynamic stability of the vehicle, a linear model of the equations of motion is created.
This model takes a state-space format such that existing LTI (Linear Time Invariant) system solvers can simulate
the characteristics of the vehicle.

The first step is to define the linear system. For that, a set of state and control variables needs to be defined.
The set of state variables consists of u (velocity along the XB axis), w (velocity along the ZB axis), q (pitch
rate) and θf (pitch angle). The set of control variables consists of θ (collective pitch angle), θ1S (cyclic pitch
angle), δe (elevator deflection angle) and δt (throttle percentage). Reformulating Equation 11.1, Equation 11.2
and Equation 11.3 as seen on Equation 11.22 enables the separation between forces and moments generated by
the aircraft (X , Z andM ) and components of weight.

ΣFXB
= X −mg sin θf = m(u̇+ qw)

ΣFZB
= Z +mg cos θf = m(ẇ − qu)

ΣMYB
=M = Iy q̇

(11.22)

X = f(u,w, q, θf , θ, θ1S , δe, δt)

Z = f(u,w, q, θf , θ, θ1S , δe, δt)

M = f(u,w, q, θf , θ, θ1S , δe, δt)

When the aircraft is trimmed for steady, symmetric flight, then the sum of all forces and moments is considered
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to be zero. Additionally the pitch rate q = 0. Let thenX , Z andM at the trimmed state to be denoted asX0, Z0

andM0. At this condition the state variables are assumed to have values u = u0, w = w0, q = 0 and θf = θf0 .
Similarly, the control variables have values θ = θ0, θ1S = θ1S0

, δe = δe0 and δt = δt0 .

Assuming there are small perturbations around that trimmed condition, the state and control variables can be
denoted as:

u = u0 +∆u

w = w0 +∆w

q = q0 +∆q

θf = θf0 +∆θf

(11.23)

θ = θ0 +∆θ

θ1S = θ1S0
+∆θ1S

δe = δe0 +∆δe

δt = δt0 +∆δt

(11.24)

Considering that the forces X and Z and moment M have a small deviation due to changes in the state and
control variables, the forces on each axis can be approximated as seen on Equation 11.25, where∆X ,∆Z and
∆M can be found on Equation 11.26.

X = X0 +∆X

Z = Z0 +∆Z

M =M0 +∆M

(11.25)

∆X = Xu∆u+Xw∆w +Xq∆q +Xθf∆θf +Xθ∆θ +Xθ1S
∆θ1S +Xδe∆δe +Xδt∆δt

∆Z = Zu∆u+ Zw∆w + Zq∆q + Zθf∆θf + Zθ∆θ + Zθ1S
∆θ1S + Zδe∆δe + Zδt∆δt

∆M =Mu∆u+Mw∆w +Mq∆q +Mθf∆θf +Mθ∆θ +Mθ1S
∆θ1S +Mδe∆δe +Mδt∆δt

(11.26)

Finally, combining Equation 11.22, Equation 11.25 and Equation 11.26 and formulating in state-space form, the
equations of motion of the linearized system can be expressed as seen on Equation 11.27 [78].


m∆u̇
m∆ẇ
Iy q̇

∆θ̇f

 =


Xu Xw Xq − qw0 Xθf −mg cos θf0
Zu Zw Zq + qu0 Zθf −mg sin θf0
Mu Mw Mq Mθf

0 0 1 0



∆u
∆w
∆q
∆θf

+


Xθ Xθ1S

Xδe Xδt

Zθ Zθ1S
Zδe Zδt

Mθ Mθ1S
Mδe Mδt

0 0 0 0




∆θ
∆θ1S
∆δe
∆δt


(11.27)

Where, for instance, Xu = ∂X
∂u and the other derivatives follow a similar pattern. For the sake of addressing

the state-space representation of the equations of motion further on in this report in a more efficient manner, the
equations of motion can be written in a shortened matrix equation format as ẋ = Ax+ Bu.

11.5.2. Representation of Aerodynamic Values in Terms of State and Control Variables
The state variables, as defined on subsection 11.5.1 are the key output where stability of the system is deter-
mined. However, it is more convenient for aerodynamic analysis to reformulate the state variables in a format
that would make aerodynamic analysis more intuitive and convenient. For that reason, the translation between
state variables and aerodynamic variables is centrally defined in this subsection for enhancing clarity and con-
venience.

V =
√
u2 + w2 (11.28) α0 = arctan

w

u
(11.29)

From Equation 11.28, the free-stream velocity can be determined and from Equation 11.29, the vehicle angle
of attack can be determined. Any local variations of V and α0 will be discussed on their respective subsection.

11.5.3. Fixed-Wing Dynamics
First the fixed wing flight dynamics come into consideration. Starting with the equations of motion, the con-
stituents of each force and moment have to be evaluated.
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The lift, drag and moment of each aerodynamic component can be calculated using Equation 11.30, Equa-
tion 11.31 and Equation 11.32 respectively.

L =
1

2
CLρSV

2 (11.30)
D =

1

2
CDρSV

2 (11.31) M =
1

2
CmρSV

2 (11.32)

To compute the effective angle of attack α of each component, Equation 11.33 is used, where α0 is the free-
stream angle of attack, ϵ is the downwash as indicated on subsection 11.3.2 and i is the installation angle of
incidence of each component. The difference of angle of attack at each station to to the curvilinear flow field
caused by pitching maneuvers, denoted as αq, can be computed using Equation 11.34, where q is the pitch rate.

α = α0 + αq + i+ ϵ (11.33) αq = (x− xc.g.)
q

V
(11.34)

Finally, to compute the lift, drag and moment coefficient of each component, Equation 11.35, Equation 11.36
and Equation 11.37 are used respectively. To compute the engine thrust, the maximum thrust of the engine
TEmax is multiplied by δt as seen on Equation 11.38.

CL = CL0 + CLαα+ CLδe
δe (11.35) CD = CD0 + k1CL + k2C

2
L (11.36)

Cm = Cm0 + Cmαα (11.37) TE = TEmaxδt (11.38)

11.5.4. Rotary-Wing Dynamics
The first step of evaluating the rotary-wing dynamics in order to calculate the rotor thrust and drag is to define
some important aerodynamic parameters. Namely, the control plane angle of attack αc is defined on Equa-
tion 11.39, the advance ratio µ is defined on Equation 11.40 and the rotor inflow λc is defined on Equation 11.41.
Here, Ω is the rotational velocity of the rotor and R is the rotor radius [78].

αc = θ1S − α0 (11.39) µ =
V

ΩR
cosαc (11.40) λc =

V

ΩR
sinαc (11.41)

In addition to aerodynamic parameters, it is important to define some rotor parameters, namely the blademoment
of inertia Ib around its flapping hinge axis, the Lock number γ and the blade solidity σ. The three values can
be computed using Equation 11.42, Equation 11.43 and Equation 11.44 respectively [79].

Ib =
mR2

3
(11.42) γ =

ρCLαR
cRR

4

Ib
(11.43) σ =

NcR
πR

(11.44)

A very important parameter of the rotor dynamics is the induced velocity Vindh of the rotor. The induced
velocity has its maximum value at hover and subsequently decreases with increasing vehicle velocity. In order
to calculate the induced velocity, actuator disk theory is used. First the induced velocity at hover needs to be
defined. Vindh can be calculated using Equation 11.45, where m is the vehicle mass and SDisk = πR2 is the
rotor disk plane surface area.

Vindh =

√
mg

2ρSDisk
(11.45)

To calculate the induced velocity beyond hover, the Glauert’s Formula [78] defined on Equation 11.46 is used,
where αd is the angle of attack of the disk plane. Both the forward and the induced velocity of the rotor are
made non-dimensional using the induced velocity at hover as seen on Equation 11.47.

Vind
2
=

1

(V cosαd)2 + (V sinαd + Vind)2
(11.46)

Vind =
Vind
Vindh

V =
V

Vindh

(11.47)

When flying level at low speed, it is assumed thatαd ≈ 0. Using this assumption in Glauert’s Formula, the value
of Vind can be found by solving Vind

4
+ V

2
Vind

2 − 1 = 0. Similarly, when flying at high speed it is assumed
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that V >> Vind. This Vind = 1
V
. Therefore, the induced velocity can be obtained using Equation 11.48.

Vind =


√√

V
4
+4−V

2

√
2

for V < 2

1/V for V ≥ 2

(11.48)

Thereafter, the induced velocity is made dimensional and non-dimensional again, but this time using the rotor
tip velocity ΩR. This form of the induced velocity is denoted λi and can be calculated using Equation 11.49.

λi = Vind
Vindh
ΩR

(11.49)

Having calculated the induced velocity, the flapping coefficients a0 (coning angle), a1 (longitudinal disk-tilt
angle) and b1 (lateral disk-tilt angle) can be computed using Equation 11.50, Equation 11.51 and Equation 11.52
respectively [79].

a0 =
γ

8

[
θ(1 + µ2) +

4

3
(λc + λi)

]
(11.50)

a1 =

8
3µθ + 2µ(λc + λi)− 16q

γΩ

1− 1
2µ

2
(11.51) b1 =

4
3µa0 −

q
Ω

1 + 1
2µ

2
(11.52)

Using these, the thrust coefficient CT and the drag coefficient CH of the rotor can be calculated using Equa-
tion 11.53 and Equation 11.54[79].

CTR
=
σCLαrot

4

[(
1

3
+
µ2

2

)
θ +

λc − λi
2

]
(11.53)

CHR
=
σCDrotµ

4
+
σCLαrot

4

[
θ

(
a1µ

2

2
+ µ(λc + λi)

)
+
q

Ω

(
b1µ

4
− a0

3

)
− a0b1

3
+

(
a20 + a21

)
µ

2

]
(11.54)

Finally, the total rotor thrust and drag can be calculated using Equation 11.55 and Equation 11.56. Having these
values, the two forces can now be added to the equations of motion.

TR =
1

2
CTR

ρSDisk(ΩR)
2 (11.55) DR =

1

2
CHR

ρSDisk(ΩR)
2 (11.56)

11.5.5. Vehicle Parameters and Assumptions
When developing the flight dynamicsmodel, it is important tomention the assumptionsmade in order to evaluate
the dynamic stability of the XV-25. First, it is assumed that all aerodynamic forces on lifting surfaces are
positioned at one quarter of the mean aerodynamic chord of each surface. All lifting surfaces and the fuselage
are assumed to be infinitely stiff. Furthermore it is assumed that all aerodynamic forces on the fuselage act
through the vehicle’s center of gravity and that the lift of the fuselage is negligible. Regarding the main rotor,
it is assumed that the blades are untwisted and infinitely stiff. The friction of the flapping hinges is assumed to
be zero as well.

For the XV-25 Griffin, all the values needed to calculate the forces according to the formulae displayed on
subsection 11.5.3 and subsection 11.5.4 are presented on Table 11.8.
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Table 11.8: Vehicle Parameters Used for Stability Determination

Upper Wing Lower Wing Horizontal Tail Fuselage Rotor Blade
CD0 [− ] 0.00229 0.00229 0.00102 0.00866 0.00733
k1[− ] 0 0 0 0 0
k2[− ] 0.02643 0.02643 0.09734 0 0.02567

CL0 [− ] Flaps Down 0.232 0.232 0 0 0
CL0 [− ] Flaps Up 1.44 1.44 0 0 0

CLα [1/rad] Flaps Down 5.16 5.16 4.00 0 7.12
CLα [1/rad] Flaps Up 5.116 5.116 4.00 0 N/A

CLδe
[1/rad] 0 0 2.59 0 0

Cm0 [− ] -1.8 -1.8 0 0 0
Cmalpha

[1/rad] 0 0 0 0 0
Cmδe

[1/rad] 0 0 0 0 0
V /V∞[− ] 1 1 0.85 1 N/A
S [ft2](m2) 631 (58.66) 631 (58.66) 158 (15.9) 2250 (209) 107 (9.92)
c [ft](m) 6.00 (1.83) 6.00 (1.83) 6.27 (1.91) N/A 2.62 (0.8)

x− xc.g. [ft](m) 4.2 (1.27) 4.2 (1.27) 36.6 (11.15) N/A 0.768 (0.234)
z − zc.g [ft](m) 5.6 (1.708) 3.8 (1.147) 6.2 (1.877) N/A 9.6 (2.924)

i [deg] 1 1 -4 N/A N/A

11.5.6. Numerical Determination of Stability Derivatives
At the moment, there is no defined way of analytically deriving the stability derivatives for a compound vehicle
such as the Griffin. For that reason, a numerical method of estimating the stability derivatives has been devel-
oped. The first step is determining the state of the vehicle at a specific velocity. This is done using defined
values provided by the aerodynamics department, such as angle of attack at specific air-speeds.

For that condition, the forces and moments for flight are recorded, as well as the state and control variable
values resulting in these forces. The pitch rate at this condition is assumed to be zero thus q0 = 0 Therefore
these forces are denoted asX0, Z0 andM0 defined on Equation 11.57. Those values are placed in vector format
and the vector containing the sum of forces for trimmed flight is denoted as S0 as seen on Equation 11.58.

X0 = X(u0, w0, 0, θf0 , θ0, θ1S0
, δe0 , δt0)

Z0 = Z(u0, w0, 0, θf0 , θ0, θ1S0
, δe0 , δt0)

M0 =M(u0, w0, 0, θf0 , θ0, θ1S0
, δe0 , δt0)

(11.57) S0 =

X0

Z0

M0

 (11.58)

Thereafter a small perturbation p is given for each state and control variable such that:

up = u0 + pu

wp = u0 + pw

qp = 0 + pq

θfp = θf0 + pthetaf

(11.59)

θp = θ0 + pθ

θcp = θ1S0
+ pθ1S

δep = δe0 + pδe

δtp = δt0 + pδt

(11.60)

Using the pertubated values one by one, X , Z andM can be re-evaluated separately for each perturbation and
are denoted, for instance, Xpu for X evaluated at X(up, w0, 0, θf0 , θ0, θ1S0

, δe0 , δt0). Following the vectoriza-
tion scheme described earlier, as an example, the vector containing Xup , Zup and Mup is denoted as seen on
Equation 11.61. Given that the pertubations are small enough, the stability derivatives can be approximated as
seen on equation Equation 11.62

Spu =

Xpu

Zpu

Mpu

 (11.61) Xu =
∂X

∂u
≈ ∆X

∆u
=
Xpu −X0

pu
(11.62)

Now, using the vectorized format, vectorized stability derivatives can be arranged in such a way that a structured
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set of them can be utilized as a base to construct the A and Bmatrices of the state-space system. The vectorized
derivatives for a perturbation in u are denoted Su and the set of all vectorized derivatives is denoted as S. The
calculation method can be seen on Equation 11.63 and Equation 11.64 respectively.

Su =
Spu − S0
pu

(11.63)

S = {Su, Sw, Sq, Sθf , Sθ, Sθ1S , Sδe , Sδt} =

Xu Xw Xq Xθf Xθ Xθ1S
Xδe Xδt

Zu Zw Zq Zθf Zθ Zθ1S
Zδe Zδt

Mu Mw Mq Mθf Mθ Mθ1S
Mδe Mδt

 (11.64)

Finally, the columns of S can be used to construct A and B and with that the system can be simulated. The
explicit definition of A and B are found on subsection 11.5.1. The stability and control derivatives for various
velocities up to transition can be found on Figure 11.6 and Figure 11.7.

Figure 11.6: Stability Derivatives from 0 to 135kts

Figure 11.7: Control Derivatives from 0 to 135kts
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Using a similar method for the aircraft with the rotor retracted (thus neglecting any contribution of the rotor),
the stability and control derivatives can be found on Figure 11.8.

Figure 11.8: Stability and Control Derivatives at Fixed Wing Configuration

11.5.7. Dynamic Stability Characteristics
After constructing the state-space system for the XV-25, it is useful to also represent the system in the frequency
domain. As a MIMO (Multi-Input, Multi-Output) system, the flight characteristics of the vehicle can be shown
as a set of transfer functions from each input to the system output. One example set of these transfer functions
can be found on Equation 11.65, describing the transfer functions of the linear system at V = 65kts from control
variable θ (collective angle) to the output (in sequence, u, w, q and θf ). As seen from the denominator of all
the transfer functions, the compound helicopter is a fourth-order system. This information can be particularly
useful for selecting a suitable controller for the system.

H1(s) =
−61.76s3 − 42.55s2 − 92.41s− 38.36

s4 + 2.892s3 + 1.578s2 + 0.2103s+ 0.2784

H2(s) =
−85.15s3 + 66.25s2 − 2.459s+ 28.23

s4 + 2.892s3 + 1.578s2 + 0.2103s+ 0.2784

H3(s) =
8.905s3 + 3.417s2 − 0.1561s+ 8.901× 10−17

s4 + 2.892s3 + 1.578s2 + 0.2103s+ 0.2784

H4(s) =
8.905s2 + 3.417s− 0.1561

s4 + 2.892s3 + 1.578s2 + 0.2103s+ 0.2784

(11.65)

In order to visualise the longitudinal stability characteristics of the system, the stability of the system is demon-
strated using a disturbance of 1◦ of aft cyclic with a duration of 2s at time t = 1s at various flight velocities.
The behaviours of the compound from the mentioned input is shown on Figure 11.9a for hover, Figure 11.9b at
35kts, Figure 11.9c at 65kts and Figure 11.9d at 135kts when the rotor begins the power-down sequence. The
Pole-Zero Map of each flight condition can be seen on Figure 11.10.
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(a) Instability in Hover (b) Instability at 35kts

(c) Instability at 65kts (d)Marginal Instability at 135kts

Figure 11.9: Stability Characteristics at Compound Configuration

(a) Pole-Zero Map at Hover (b) Pole-Zero Map at 35kts

(c) Pole-Zero Map at 65kts (d) Pole-Zero Map at 135kts

Figure 11.10: Pole-Zero Maps at Compound Configuration
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11.5.8. Control Allocation
The XV-25 Griffin, due to the nature if its design, can be classified as an over-actuated system. That means that
there are multiple ways of achieving control of the vehicle. It is therefore necessary to allocate in which way the
vehicle is controlled while staying within the limits of the different control deflections. The control allocation
is determined from the velocity of flight.

For speeds below 50 kts (25.7 m/s) the aerodynamic control surfaces are not effective enough to achieve any
reasonable control authority. As such, the vehicle is operated as a pure helicopter below 50 kts.

For speeds between 50 kts (25.7 m/s) and the transition speed of 135 kts (69.4 m/s) aerodynamic surfaces start
producing sufficient aerodynamic forces in order to start using them. Therefore the control authority of the
rotor-based controls is linearly decreased as speed increases to the point that it is zero at the transition speed.
This is done using a controls mixing factor denoted as CMF and can be calculated using Equation 11.66. This
creates a control authority deficit which needs to be compensated using the throttle and elevator deflections to
minimise the residuals of the deficit.

Finally for speeds above 135 kts (69.4 m/s) the aircraft is purely controlled as a fixed wing aircrft with throttle
and elevator deflections, since the rotor is being stopped and any control outputs with decreasing rotor speed
are unreliable.

CMF =



1, for V ≤ 50kts

1− V−50
135−50 , for 50 ≤ V ≤ 135kts

0, for 135 ≤ V ≤ Vmaxkts

(11.66)

A problem that arises from over-actuation is control inputs being relayed from the pilot to the controls. Generally,
there should only be one stick and throttle/collective at the cockpit. Therefore the transitioning of controls should
happen through a control augmentation system that can either be mechanically or electronically (fly-by-wire)
actuated. Since the controls of rotary and fixed wing aircraft are so drastically different, it is chosen to use
a fly-by-wire system for control mixing. This has the additional benefit of simplifying the application of any
controllers further on.

The method of allocating controls to different actuators by a single input system is performed by using a method
called explicit ganging. With explicit ganging, there has to be a gangingmatrixG that relates the existing control
vector deflections to a pseudo-vector for control [80] . For instance, for the desired two-input control system of
the XV-25 Griffin, the setup of the ganging matrix should be constructed as seen on Equation 11.67.

u = Gupseudo ⇒


θ
θ1S
δe
δt

 = G
[
δstick
δpower

]
(11.67)

Since the control allocation has already been performed using the controls mixing factor, the ganging matrix
can be defined as seen on Equation 11.68. Since the effectiveness of control deflections of cyclic with elevator
and collective with throttle are not one-to-one, a deflection scaling factor should be introduced.

G(V ) =


0 CMF

CMF 0
1− CMF 0

0 1− CMF

⇒

θ
θ1S
δe
δt

 =


0 CMF

CMF 0
1− CMF 0

0 1− CMF

[
δstick
δpower

]
(11.68)
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11.6. Stabilization and Controllers
As discussed in subsection 11.5.7, the vehicle demonstrates dynamic instability up to the transition speed of
135kts. This characteristic was deemed not acceptable by the design team and therefore it was decided to apply
a controller in order to stabilize the vehicle. For the sake of simplicity, it was decided that a variant of a simple
PID (Proportional-Integral-Derivative) controller would be investigated as a stabilization force for the system.
Additionally, it was decided to apply the controller using pitch rate feedback, as it is seen that the compound
demonstrates instability in pitch.

As seen on subsection 11.5.7, the XV-25 Griffin is a fourth order system. As rotary wing aircraft are char-
acterised as relatively quick responding systems, having a derivative control is a logical step into choosing a
controller, due to its trend based predictive control characteristics. This therefore limits the controller choice to
either PD or PID. An integral controller would be beneficial as it can eliminate steady-state errors up to third
order terms. However, due to the difficulty of tuning a PID controller, it is chosen to use a simpler PD controller
to stabilise the system.

It is a characteristic of helicopters to be unstable up to specific speeds. Helicopters without a horizontal stabilizer
generally remain unstable up to high speeds. However, helicopters that utilize a horizontal stabilizer are able
to be stable at much slower speeds [81]. As the XV-25 Griffin has a horizontal tail with integrated elevators, it
should be stable when the horizontal stabilizer is able to provide sufficient aerodynamic forces.

However, as indicated on subsection 11.5.7, the aircraft is aerodynamically unstable even with the horizontal tail
present, due to the fact that the fixedwing system ismildly unstable by design. Hence, a stabilization strategy can
be derived. Up to flight velocities of about 60kts, conventional helicopters are generally dynamically unstable,
as the horizontal tail does not produce comparable aerodynamic forces to the main rotor. For the XV-25, as
the elevators become relatively effective at 50kts, control authority starts being granted to the pilots. Adding a
safety buffer of 15kts above that speed, the PD controller begins to stabilize the aircraft using elevator inputs.
Therefore, for speeds up to 65kts, the XV-25 behaves like a pure helicopter and then after that the PD controller
stabilizes the aircraft gradually so it is dynamically stable up to the transition speed. The architecture of the
XV-25 Griffin’s control system can be seen on Figure 11.11.

Figure 11.11: Architecture of the PD Controller System

The PD controller is tuned manually using a transfer function based compensator of the form seen on Equa-
tion 11.69, where Kp is the proportional gain, Kd is the derivative gain and N is a filtering coefficient. The
controller was tuned to result in under-damped and marginally stable motion at a velocity of 65kts. The gains
and filtering coefficient values can be found on Table 11.9.

K(s) = Kp +Kd
N

1 +N 1
s

(11.69)

Table 11.9: P and D Gains and Filtering Coefficient

Kp -4.3156054
Kd -27.951217
N 1.251914
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Finally, for the system with the controller added, the stability characteristics for the same input and velocity as
Figure 11.9c and Figure 11.9d can be found on Figure 11.12a and Figure 11.12b respectively.

(a) Stable Motion at 65kts (b) Stable Motion at 135kts

Figure 11.12: Stability Characteristics at Compound Configuration with Pitch Rate Controller

Similarly, when the aircraft is at cruise configuration, with the main rotor stowed, the same controller can be
used to stabilize the oscillations from a disturbance. Here, a pull-up command of the aircraft using 5◦ of elevator
deflection from t = 1s until t = 3s is performed at V = 305kts, which is the VY speed. The characteristics
of the motion after the disturbance can be seen on Figure 11.13a for the free motion and Figure 11.13b for
the stabilized motion. An important remark is that the stabilized aircraft velocity deviation at VY is less than
±10kts (namely 4kts) in order to satisfy the CS-29 requirements set.

(a) Free Motion (b) Stabilised Motion

Figure 11.13: Comparison of Motion in Cruise Configuration of the Free and Stabilized Aircraft

11.7. Verification and Validation
Verification of the functions of the dynamic system was performed by feeding values of known helicopters and
aircraft into separate functions and verifying that the results given corresponded with the actual values that arose
from analytical solutions of the same problem.

Validation of the rotary wing model has been performed using data for the Bo-105 helicopter obtained from [79].
Using this data, the stability of the system compared to flight test data of the Bo-105 [82] were contrasted and
found to be matching to a satisfactory level. However, as expected, differences were observed and can can be
explained to the coupled nature of helicopter longitudinal and lateral modes.

Validation of the fixed wing model was performed by comparing with the scissor plot, this showcases that the
aircraft is mildly unstable which is confirmed within the results.
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Final System Overview

As individual subsystems have been analyzed thoroughly from Chapter 8 to Chapter 11, the XV-25 Griffin is
now presented as a whole along with a complete CAD model. Typical characteristics of the aircraft such as
performance usually involve two or more subsystems and generally cannot be assessed separately. The final
design of the XV-25 Griffin is reported in section 12.1 while important details are outlined in section 12.2. An
overview of the main vehicle parameters can be found on Table 12.1.

12.1. Final Vehicle Overview
Here a general overview of the vehicle will be given. The first section will describe the concept and the layout
of the major components, followed by the internal layout of the different systems contained in the aircraft.

12.1.1. General Vehicle Overview

Figure 12.1: Overview of the XV-25 Griffin

Throughout the design, the team converged onto a final design of a stowed-rotor compound helicopter powered
by two jet engines with auxiliary shaft output turbines to power the rotor. The design consists of a 20m long
fuselage, with a rotor and forward swept wing mounted along each other in the center. This co-alignment and
forward sweep allow the rotor to be lowered into the wings and rear fuselage. The rotor blades use an innovative
rotor retraction mechanism that reduces the rotor radius from 12.4m to around 7.5m to allow the rotors to fit into
the wings. To lower the rotor the entire mast and rotor assembly is attached to jack-screws, which can lower the
rotor into the storage compartments in the wing and rear fuselage. The fuselage contains a payload bay 6.5 ft
(1.98 m) high, 8 ft (2.43 m) wide, and 30 ft (9.14 m) long, which can be accessed through a ramp from the rear.
This enables efficient loading and unloading of even the most bulky equipment. The tail is in H configuration,
with the majority of the vertical stabilizer extending towards the ground to prevent collisions with the rotor. The
tail also houses the two turbofan engines providing thrust for both forward flights as well as to counteract the
torque from the rotor during hover. This is achieved using a nozzle using the redirected bypass flow.

118
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Table 12.1: General Vehicle Overview

Variable Value Unit Variable Value Unit
Weights Speeds

Maximum Take Off Weight 62,361 lbs Cruise Speed 450 kts
Empty Weight 37,624 lbs Transition Speed 150 kts

Operating Empty Weight 38,374 lbs Stall Speed 121.6 kts
Fuel Mass 17,986 lbs Rotor
Crew Mass 750 lbs Rotational Speed 19.6 rad/s
Payload Mass 6,001 lbs Rotor Radius 40.68 ft

Wing Collective Angle Hover 8.88 deg
Wing Area 631.4 ft^2 Max Collective Angle 10.25 deg
Wing Span 52.49 ft Coning Angle Hover 5.02 deg

Wing Root Chord 7.43 ft Max Rotor Lift 79,227.2 lbf
Wing Tip Chord 4.59 ft Rotor Torque Hover 326,535.5 ft-lbs
Wing Aspect Ratio 8.72 - Max Rotor Torque 391,259.4 ft-lbs

Thickness to chord ratio 0.15 - L/D Blades Hover 17.58 -
Sweep Trailing Edge -35.29 deg L/D Blades Max Climb 16.08 -
Zero-lift angle of attack -2.6 deg

Horizontal Tail Vertical Tail
Horizontal Tail Area 171.79 ft^2 Vertical Tail Area 32.08 ft^2
Horizontal Tail Span 27.38 ft Vertical Tail Span 8.01 ft

Horizontal Tail Average Chord 6.27 ft Vertical Tail Average Chord 4.00 ft
Horizontal Tail Aspect Ratio 4.36 - Vertical Tail Aspect Ratio 2.00 -

12.1.2. Internal configuration and layout

Figure 12.2: Side View of the Internal Layout of the XV-25 Griffin

The internal layout is largely determined by the payload, the need to lower the rotor as well as the mass distribu-
tion to ensure a manageable distribution of the center of gravity during flight for both forward flight and hover.
The payload is placed centrally, with the fuselage built around it. The fuselage will allow for space above the
payload to house the mechanism that lowers the rotor as shown in Figure 12.2. In addition to this mechanism,
the space above the payload will house the gearbox along with its driveshaft to the engines. The gearbox is
placed in front of the rotor to allow the aircraft to stay relatively balanced about the rotor and wing. The engines
are placed in the rear of the fuselage, above the ramp accessing the payload bay. This allows great access to
loading and unloading of the payload bay, while at the same time providing thrust and keeping the jet blast out
of reach for the majority of ground equipment. Landing gear is arranged in a tricycle configuration, with the
rear landing gear being behind the most aft possible center of gravity location to allow loading without tip over.
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This limits the possibility of taking off horizontally as rotation becomes challenging, but still allows emergency
landings as a glider. Fuel can be contained entirely in the lower wings, which allows the upper wings to act
purely as the storage for the rotor blades. Additionally, the two engines are spaced apart to allow for the blade
in the rear position to lower into the fuselage at that position as shown in Figure 12.3.

Figure 12.3: Top View of the Internal Layout of the XV-25 Griffin

12.2. Performance Analysis
12.2.1. Payload & Range
The payload-range relation can be described by the aforementioned list (repeated here for convenience).

• Missions range: 1852 km / 1150 miles + hover time, reserves.
• Continuous fixed-wing cruise starting at MTOW, maximum fuel and payload: 4309 km / 2678 miles
taking 10.9 hours.

• Ferry (continuous fixed-wing cruise starting at MTOW, maximum fuel and zero payload): 4585 km /
2849 miles taking 12.4 hours.

• Ferry with range extender (extra fuel tank, same weight as maximum payload): 5698 km / 3541 miles
taking 15.6 hours.

The available fuel for the range is heavily dictated by the design mission (payload). As can be seen from the
list flying at optimal conditions greatly improves the possible range.

12.2.2. Climb performance
The climb characteristics of the XV-25 Griffin were calculated in section 9.5. A summary of the climb perfor-
mance will be presented here. Due to the uniqueness of the vehicle, a climb performance analysis was performed
on the vehicle when in two distinct mission phases; vertical flight (using the rotor) and forward flight (using
conventional aircraft wings).

In hover, assuming take-off conditions, the XV-25 Griffin has a vertical rate of climb of 2.9m/s and a theoretical
ceiling of approximately 1845m. Compared to conventional helicopters, these values are on the lower side but
this can be explained by the fact that the rotor cannot produce a large thrust in excess to the thrust required to
hover due to the stringent requirement of the vehicle having only 3 blades. These values rise up to 4.66m/s and
2750m, assuming end-of-mission conditions where most of the fuel has been expelled.
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After the vehicle has transitioned and the rotor has been stored in the wings, a climb performance analysis will
be performed assuming a conventional aircraft. In this mode, at take-off conditions, the XV-25 Griffin has a
best rate of climb of 15.35m/s at a forward velocity of 157.2m/s (resulting in a climb angle of 5.58◦) and it has
a theoretical ceiling of 12100m. The variation of the best rate of climb and best rate of climb velocity can be
found in section 9.5. In addition to this, at take-off conditions, the XV-25 Griffin has a maximum climb angle
of 7.9◦ at a speed of 105.2m/s. This value can increase to 12.1◦ assuming end of mission conditions and no
payload.

12.2.3. Noise characteristics
As earlier analyzed in chapter 8, Table 8.3 illustrated the estimated sound outcomes of the XV-25 Griffin in
different flight phases. The actual EASA testing conditions defined in ICAO Annex 16 Volume I [83] are used
to obtain the sound outputs, which provide more reasonable answers as the formulas take into account multiple
aerodynamic factors rather than just the MTOW of the vehicle [4]. In comparison with other EASA-certified
vehicles 1, the upper noise limit is set to be 100.5 dB for the Eurocopter EC225 and 101.5 dB for the Leonardo
AW101. With a peak SPL of 97.8 dB at a distance of 150 ft (45.7 m) during take-off, the XV-25 Griffin is still
a loud vehicle but it stays within the EASA certification range.

At this design phase, it is uncertain whether such noise would negatively affect the XV-25 Griffin’s ability to
properly execute the mission profile. If it is concluded that the noise is unacceptable for military purposes
because it draws too much unnecessary attention, the team will consider multiple methods to reduce the noise.
According to reference [18], the general advice is to reduce the rotor tip speed and use the lowest possible tip
speed. Noise reduction from 7 to 10 dB can be achieved with this approach. It is also suggested to improve
the blade design, possibly with a trapezoid tip shape to further decrease the vortex noise. Twists of the blade
can be iterated to obtain an optimal distribution of the tip loading to minimize the local turbulence as a good
aerodynamic design can lower the noise without a loss in efficiency.

12.2.4. Emissions
As explained in chapter 9, the team chose jet fuel (kerosene) as the fuel for the XV-25 Griffin due to storage
constraints for hydrogen combustion in addition to mass constraints for fuel cells. With the fuel selected and
the fuel mass having been calculated in chapter 9, an estimation of the emissions can be found.

Kerosene emits 3.16 kg of CO2 per kilogram of kerosene combusted and the production of kerosene adds
approximately another 0.5 kg of CO2 per kg of kerosene 2. Adding these up leads to a total value of 3.66 kg of
CO2 per kg of kerosene combusted. Multiplying this by the estimated fuel mass required leads to an average
total amount of 29859.9 kg of CO2 emitted during the course of a whole mission as prescribed in Figure 4.1.
In addition to this, kerosene emits about 0.003 kg of nitrous oxides per kg combusted 3. This results in a total
nitrous oxide emission of 24.5kg per average mission of the XV-25 Griffin. Nitrous oxide is one of the most
important greenhouse gasses after methane and carbon dioxide and hence must be taken into account when
analysing the emission characteristics of the XV-25 Griffin.

Although this value is high due to kerosene having poor emission qualities, the team managed to reduce this
value when compared to similar vehicles in production by reducing the weight of the vehicle due to the use
of composites in the wing and the fuselage as explained in chapter 11. The use of composites does lead to
an adverse effect in terms of sustainability due to it not being an ideal material for recycling although a lot of
research is currently being done on the recycling of composites such as in [84]. In addition to this, sustainable,
synthetic kerosene (SAF) could become a potential replacement for conventional kerosene in aviation leading
to better emission characteristics. Countries like the Netherlands aim to have 14% of all aviation fuel be syn-
thetic kerosene by 2030 [85] although costs are much higher when compared to conventional kerosene and are
expected to stay high until at least 2050 [85]. In addition, as mentioned in subsection 9.4.3, hydrogen combus-
tion could become a possibility throughout the next decade although the technology is not mature enough to be
currently considered.

1https://www.easa.europa.eu/en/domains/environment/easa-certification-noise-levels
2https://www.offsetguide.org/understanding-carbon-offsets/air-travel-climate/climate-impacts-from-aviation/co2-emissions/
3https://www.engineeringtoolbox.com/nox-emission-combustion-fuels-d_1086.html

https://www.easa.europa.eu/en/domains/environment/easa-certification-noise-levels
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12.3. Compliance matrix
This section contains a compliance matrix of the XV-25 Griffin requirements, indicated by their ID for the sake
of brevity. Full descriptions of each requirement can be found in the Baseline Report [5]. Because all of the
stakeholder and mission requirements, as defined in chapter 4, were previously translated into direct technical
requirements and constraints, only these are evaluated.

The compliance matrix is shown in Table 12.2. For the sake of brevity, each requirement is referred to by its
ID. Full descriptions of each requirement can be found in the Baseline Report [5]. If compliance has been
demonstrated, the cell is colored green and a reference to the relevant section of the report is given. Some
requirements are colored grey, indicating that the requirement is not fulfilled. This happened for two reasons.
On the one hand, some requirements related to subsystems that were still in consideration during earlier design
phases but ultimately not chosen. Such requirements have been marked with NA. On the other hand, certain
requirements needed a depth of analysis that was beyond the scope of this project, in which case they are marked
with OOS. The unverified requirements are discussed in further detail below.

Unverified requirements
The non-applicable (NA) requirements were disqualified for reasons that are largely self-explanatory. When
the choice was made to not use propellers for forward propulsion, as detailed in section 9.2, requirements SYS-
TECH-PROP-1-1, SYS-TECH-PROP-6 and SYS-TECH-STRUC-4-1 became irrelevant. The decision to use
two engines for purposes of redundancy eliminated SYS-TECH-ROT-2-4 as it only applies to single-engine
vehicles. The options of intermeshing rotors as well as ducted fans were previously discarded for reasons
explained in the [4], so the requirements under SYS-TECH-ROT-5 and SYS-TECH-ROT-6 were ignored.

Out-of-scope (OOS) requirements remain unverified because they required a detailed design or analysis that was
too in-depth for the current project scope, or even needed testing of prototypes to be evaluated. SYS-TECH-
PROP-2-2 and the requirements under SYS-TECH-PROP-5 would have required a vibrational analysis of the
engine and design of the fuel pumping system, respectively. Under SYS-TECH-LG, the requirements on side
loads could not be verified with the current landing gear model. The environmental hazards of SYS-TECH-
SAFE-1 also require too much detail on the structures, electrical system and fuel system to be answered at this
point in time. Similarly, SYS-TECH-SAFE-3 and SYS-TECH-SAFE-4 were disregarded as the fire extinguish-
ing and cooling systems have not been designed yet. The structural attachments of different components are
not set yet so SYS-TECH-SAFE-5-1, dealing with fasteners, could not be answered.

While several requirements dealing with engine failure could be answered on the basis that the aircraft is capa-
ble of both autorotation and gliding, SYS-TECH-ROT-2-1 and SYS-TECH-FLY-4-1 require substantive flight
testing to be verified. SYS-TECH-STRUC-2-1-6 also requires testing of components and could thus not be
done.

Many of the structural requirements remain unverified. chapter 10 outlines the reasons for this in great detail,
but they will be summarized here for clarity. Load analysis was limited to the wings, rotor structure, fuselage,
landing gear and tail. As such, SYS-TECH-STRUC-2-1-5 concerning the engine mount, SYS-TECH-STRUC-
5-1 concerning control surfaces, SYS-TECH-STRUC-6-2 concerning fuel tanks and SYS-TECH-STRUC-7-3
concerning emergency exit doors, were beyond the scope of this project. Although the static as well as cyclic
loads acting on the fuselage and rotor pylon have been quantified, these are not the critical loads asmeant by SYS-
TECH-STRUC-2-6 and SYS-TECH-STRUC-2-7, which have been identified as dynamic in nature. Similarly,
the dynamic analysis of aerodynamic surfaces such as the wings needed to answer SYS-TECH-STRUC-3-1 has
not been performed at this point.

In terms of stability and maneuverability, SYS-TECH-FC/HQ-1-2-5 is out of scope as the lateral flight modes
have not been examined. The SYS-TECH-FC/HQ-4 requirements are not satisfied as they involve side-winds
and therefore also lateral stability.
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Table 12.2: Requirements compliance matrix for the XV-25 Griffin.

ID Details ID Details ID Details
SYS-CO-RES-1 All SYS-TECH-FC/HQ-1-2-5 OOS SYS-TECH-FLY-2-1 Ch. 9
SYS-CO-RES-2-1 Ch. 3 SYS-TECH-FC/HQ-2 Ch. 11 SYS-TECH-FLY-2-2 Ch. 9
SYS-CO-RES-2-2 Ch. 3 SYS-TECH-FC/HQ-3-1 Ch. 11 SYS-TECH-FLY-3-1 Ch. 9
SYS-CO-RES-3-1 All SYS-TECH-FC/HQ-3-2 Ch. 11 SYS-TECH-FLY-3-2 Ch. 9
SYS-CO-RES-3-2 All SYS-TECH-FC/HQ-3-3 Ch. 11 SYS-TECH-FLY-3-3 Ch. 9
SYS-CO-SUS-1-1 Ch. 5 SYS-TECH-FC/HQ-4-1 OOS SYS-TECH-FLY-3-4 Ch. 9
SYS-CO-SUS-1-2 Ch. 5 SYS-TECH-FC/HQ-4-2 OOS SYS-TECH-FLY-4-1 OOS
SYS-CO-SUS-2 Ch. 5 SYS-TECH-FC/HQ-5-1 Ch. 11 SYS-TECH-FLY-4-2 Ch. 9
SYS-CO-LEG-1 All SYS-TECH-FC/HQ-5-2 Ch. 11 SYS-TECH-FLY-5 Ch. 9
SYS-CO-LEG-2 All SYS-TECH-FC/HQ-5-3 Ch. 11 SYS-TECH-FLY-6-1 Ch. 9
SYS-CO-LEG-3 All SYS-TECH-FC/HQ-5-4 Ch. 11 SYS-TECH-FLY-6-2 NA
SYS-CO-LEG-4 All SYS-TECH-LG-1 Ch. SYS-TECH-FLY-7 Ch. 9
SYS-TECH-PROP-1-1 NA SYS-TECH-LG-2 Ch. 10 SYS-TECH-PAY-1 Ch. 10
SYS-TECH-PROP-1-2 OOS SYS-TECH-LG-3-1 Ch. 10 SYS-TECH-PAY-2 Ch. 9
SYS-TECH-PROP-2-1 Ch. 9 SYS-TECH-LG-3-2 Ch. 10 SYS-TECH-PAY-2-1 Ch. 10
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13
Conclusion and Recommendations

The aim of this report was to take the final concept traded-off in the midterm and design it further in order
to provide a detailed conceptual design to the subsystem level. To do so, the team split into subgroups per
sub-system and performed a detailed design with the help of tools developed by the team.

To ensure the XV-25 Griffin meets all key requirements a detailed analysis was performed for each subsystem
and the results were compared to the requirements with the use of a compliance matrix. Although some require-
ments were not met, these were either no longer considered applicable or were considered out of scope for our
project giving the team a good idea that the final design of the XV-25 Griffin meets all the key requirements
and can thus be considered a successful conceptual design. In addition to this, a market analysis was conducted
to ensure that the XV-25 Griffin is a commercially viable design for the current market needs as well as a cost
estimation coming in at approximately 50 million USD which is 20 million USD less than the cost of the main
competition in today’s market, the V-22 Osprey. An equally important aspect of the design process was the
sustainability of the XV-25 Griffin. Although no driving requirements were provided on the sustainability of
the vehicle, the team took it into account throughout the design process to ensure the basic standards were met.
Namely, the weight was significantly reduced due to the high use of composite materials, and an investigation
into the possibility of hydrogen combustion was conducted. Having said this, the team is confident in the ability
of the XV-25 Griffin as a VTOL transport aircraft to revolutionize the market for small to medium-transport
aircraft with its multitude of novel features leading to unique abilities.

With the initial conceptual design of the XV-25 Griffin having been completed, some future recommendations
for the later design phases will be presented. For the propulsion sub-system, along with a more detailed engine
sizing, the drive system connecting the engines to the rotor must be investigated in more detail as well as the
free-spinning turbine driving the shaft. A further investigation into the viability of hydrogen combustion should
also be performed. For the control sub-system, the lateral modes must be examined, and, potentially, the use of a
more refined controller (LQR) should be considered. In addition, a more in-depth analysis of the drag estimation
can be performed by testing a prototype in a wind tunnel and a further analysis of the rotating loads on the rotor
must be performed. Optimization of the structures is required to decrease the weight of the vehicle as much as
possible while facilitating the capabilities required, recommendations regarding novel materials and structures
should be employed. Finally, the XV-25 Griffin has a high amount of novel mechanisms which, although have
been proven to function individually, must be tested when integrated together on the vehicle. This further design
will eventually lead to the first prototype’s flight.

The vehicle produced by this team requires a substantial amount of further analysis to be deemed feasible for the
prototype phase, however, the building blocks of this novel design have been provided and the theory organized
and employed such that the team is confident to present this concept and the teamworking forward for continued
design and analysis.
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A
Appendix

This appendix contains the supporting diagrams. The first diagram represents the Development Logic followed
by the Work Flow and Work Breakdown Structure and finally the Gantt chart is presented.
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Figure A.1: Development Logic Diagram
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Task ID
Work 

(hours)
Duration 
(hours)

Determine Horizontal 
Flight Requirements

Determine Vertical 
Flight Requirements

Perform Class I Weight 
Estimation

Determine MTOW for Horizontal Flight

Determine MTWO for Vertical Flight

Project 
Objective

1.1.1

Define team 
organization

Project Approach

Departments & 
Roles

Rules and 
Regulations

Complete 
Project Plan

Top Level 
Requirements

1.1.2

VFS 
Competition 

Requirements

1.1.3

Determine 
Requirements

Perform 
Risk Assessment

Define project

POS, MNS, WBS, 
WFD, Gantt

Design and 
Development Logic

Perform
Quality Control

P1

1.230 1

1.440 24

1.566 14

1.616 8

1.7.24 4

Define Tools

1.310 2

Brainstorm 
configurations

Define
System 

Requirements

2.1.124 6

Define
Mission 

Requirements

2.1.224 6

Define
Sub- System 

Requirements

2.1.324 6

Generate
Requirements 
Discovery Tree

2.28 2

Complete 
Baseline 
Report

Develop 
Contingency 
Management

Plan

2.4.118 6

Assess
Technical Risk

2.4.212 6

Perform
Market Analysis

2.4.312 6

Develop
Resource 
Allocation

Budget

2.4.412 6

Define
Sustainable 

Development 
Strategy

2.4.512 6

P2

Update
Project

Definition

3.14 4

Analyse
Design
Options

3.2.224 6

Trade- off
to arrive to

3 Design Options

3.3200 16

Perform Trade- offDefine trade method
rationale and
organisation

Define
trade- off
criteria

Weigh
criteria factors

Complete N2 Chart
Develop trade- off

summary table

Preliminary
Sub- system/
Component

Design

3.448 8

Analyse 
3 Design
Options

3.5108 12

Perform Sensitivity 
analysis

3.6.640 4

Perform Final 
Design Trade- Off

3.6200 15 Design Sub- 
system &

Components

3.7160 16
Complete 
Midterm 
Report

Perform Verification
& Validation

12 4

Perform
Quality Control

3.8.28 8

Define system 
functionality

Functional Flow 
Diagram

Functional 
Breakdown 
Structure

2.320 2
Generate

Design Option
Tree

2.560 6

P3

P4

WORK FLOW DIAGRAM

Update
Previous

Deliverables

4.124 8

Detailed 
Analysis

of Sub- systems

4.240 20

Design
Sub- systems

in Detail

4.364 32

Conclude
Final

Design

4.570 7

Complete 
Final

Report

Perform
Quality Control

4.6.216 16

Determine 
Conceptual 

Design Trade 
Studies

4.4.1111 111

Determine 
Vehicle 

Description

4.4.2111 111

Determine 
Propulsion 

System Data

4.4.3111 111

Determine 
Mission 

Performance 
Data

4.4.4111 111

Complete Air 
Vehicle Design & 

Subsystem
Drawings

4.4.5111 111

Determine 
Aerodynamic 

Data

4.4.6111 111

Determine Loads
&

 Criteria Data

4.4.7111 111

Determine Mass 
Properties Data

4.4.8111 111

Determine 
Manufacturing & 

Cost Data

4.4.9111 111

Perform Verification
& Validation

3.2.30 4

Perform
Quality Control

2.6.26 6

Research
1.9

Develop
Analysis

Tools

3.2.148 16

PROJECT MANAGEMENT DEVELOPMENT

Determine Vehicle Properties

Determine 
Operational
Description

4.4.10111 111

1.7

3.8

2.6

4.6

Initial 
inputs

Perform 
task

Complete 
Deliverables

Perform 
Quality 
Control

Extra tasks

LEGEND
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Project Requirements

Project Initiation

System FunctionalityProject Organisation

WORK BREAKDOWN STRUCTURE 

Perform Quality ControlProject Definition

1.2
Define Team Organisation

1.2.2
Departments and Roles

1.2.3
Rules and Regulations

1.3
Define Tools

1.2.1
Project Approach

1.5
Define POS, MNS, WBS, WFD,

Gantt Chart

1.5.5
Determine Design and

Development Logic

1.6
Perform Risk Assessement

2.1.1
System Requirements

2.1.2
Mission Requirements

2.1.3
Sub- System Requirements

2.3.1
Functional Flow Diagram

2.3.2
Functional Breakdown

Structure

2.5
Generate Design Option Tree

Design

Project Completion

Analyse Perform Quality ControlTrade- off

3.2.1
Develop Analysis Tools

3.6
Final Design Trade- Off

3.3.1
Define Trade Method Rationale and 

Organisation

3.4
Preliminary Sub- system/Component

Design

4.3
Design Detailed Sub- system & 

Component

3.2.3 / 3.5
V&V on Analysis Tools

2.2
Generate Requirements Discovery 

Tree

Research

1.9.4
Perform Class I Weight

Estimation

2.4
Project Management

Development

2.4.1
Develop Contingency Management

Plan

2.4.2
Assess Technical Risk

2.4.3
Perform Market Analysis

2.3.4
Develop Resource Allocation

Budget

2.3.5
Define Sustainable Development

Strategy

1.9.5
MTOW for Horizontal

Flight

1.9.6
MTOW for Vertical Flight

3.5
Preliminary Analysis of top 3 
Configurations for Trade- Off

3.3
Define Trade- Off Initial Concepts

3.3.3
Determine Weight Criteria Factors

3.3.5
Generate N2 Chart

3.3.6
Develop Trade- Off Summary Table

4.2
Analysis of Sub- Systems

4.4 Conclude Final Design

4.4.5
Air Vehicle Design & Subsystem

Drawings

4.4.6
Aerodynamic Data

4.4.7
Loads & Criteria Data

4.4.1
Conceptual Design Trade Studies

4.4.2
Vehicle Description

4.4.3
Propulsion System Data

4.4.4
Hover, Forward Flight and Mission 

Performance Data

4.4.8
Mass Properties Data

4.4.9
Manufacturing & Cost Data

4.4.10
Operational Description

3.3.7 / 3.6.6
Sensitivity on Trade- off

2.6 / 3.8 / 4.6
Ensure Report Quality

1.9.7
Research Rotorcraft Concepts

1.1
Gather Information

1.1.2
Gather Top Level

Requirements

1.1.3
Gather VFS Competition

Requirements

1.1.1
Gather Project Objective

3.2.1.1
Aerodynamic Analysis Tool

3.2.1.2
Weight Estimation Tool

3.2.1.3
Propulsive Performance

Tool

3.2.1.4
Structural Analysis Tool

3.3.2
Define Trade- Off criteria

4.3.1
Aerodynamic Sub- Systems

4.3.2
Propulsion Sub- Systems

4.3.3
Control & Stability Sub- Systems

1.9.8
Compound Vehicles

1.9.9
Tilt Rotor Vehicles

1.9.1
Read Helicopter Literature

1.9.1.2
General Operation

1.7
Ensure Report Quality

1.9.1.3
Rotorcraft Design

1.9.1.4
Rotorcraft Performance

4.4
Determine Aircraft Properties

2.1.4
CS29 Requirements

1.3.2
Modeling: 3dx & Blender

1.3.3
Simulation & Analysis: Ansys, 
Simscale, Open Vsp & Open

Foam

1.3.1
Coding: Python & Matlab

3.6.1
Define Trade Method Rationale and 

Organisation

3.6.3
Determine Weight Criteria Factors

3.6.5
Generate N2 Chart

3.6.6
Develop Trade- Off Summary Table

3.6.2
Define Trade- Off criteria
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