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Abstract

Abstract

CubeSats have rose to popularity since its first launch in the year 2003. The low mass, lower launch cost, lower
development cost, possibility for piggy-back with larger satellites and lower development time involved com-
pared to larger satellites have opened them to be commercialised by private companies. In contrast to being
used for educational, research and technology demonstration purposes in their early years, they are now be-
ing used for varied applications such as communications, Earth observation, military surveillance, in-orbit
manufacturing, asteroid exploration, Internet-of-things and interplanetary exploration missions. Their lu-
crative features make them favourable over their larger counterparts, and as a result are predicted to launch
in higher numbers in the coming years considering preference for missions involving constellations or dis-
tributed space systems. This trend of increasing demand for CubeSats and their application in advanced
missions requires more electrical power for their operation. The increased demand for electrical power can
be solved by using a Solar Array Drive Mechanism. The SADM allows relative rotary motion of the solar arrays
with respect to the satellite structure so that the solar panels are always perpendicularly positioned to the Sun
independent of the payload pointing requirements. They are able to produce up to 185% more power than
the panels being just deployed in case of a 3U CubeSat. Only a handful of six such SADM products were found
in the commercial market and four of them had a very similar design that drove two solar arrays and could
be used in limited panel mounting configurations. A need in the commercial market for a SADM system that
is modular and scalable was identified. Space mechanisms such as the SADM were found to be one of the
major causes of mission failure after communications and unknown causes. It was found that tribological el-
ements were the prominent root cause of such space mechanism failure. A research gap was identified to find
the root causes of tribological failure in space mechanisms and design a SADM system that minimises failure
caused due to tribological elements. This thesis has succeeded in designing a SADM that is scalable to mul-
tiple sizes of CubeSats (3U to 12U), applicable to more than three panel mounting configurations that were
possible with the existing SADM and minimising failure chances due to tribological elements. The current
SADM has minimised the chances of failure due to common tribological elements such as roller bearings and
sliprings by eliminating the cause of failure. This includes eliminating rolling elements, liquid lubricants and
metals in the case of bearings and a novel power and data transfer mechanism alternative to sliprings called
"Flex-wrap" has been designed in this project. The current SADM is the smallest in the market in terms of
dimensions (70×50×6.9 mm) and is applicable to 5 different solar array mounting configurations.
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1
Introduction

This chapter introduces the Solar Array Drive Mechanism system by detailing its purpose, functions and con-
stituent sub-systems. This is followed by formulating the research questions of the project and concludes by
giving an outline of the thesis.

1.1. Background
This section will begin by introducing the concept of a CubeSat followed by defining the terms, system, sub-
system and elements as they will be used throughout this report. The section then introduces the SADM and
its constituents by briefly describing its function, purpose, constituent elements and the design criteria that
are considered to design such a sub-system.

1.1.1. CubeSats
Cube-satellites are abbreviated as CubeSats, which are a class of small-satellites that fall within the category
of satellites having mass lower than 500 kg. CubeSats are built by combining the basic building blocks which
is one unit (U) and has a dimension of 10 × 10 × 11 cm and weigh roughly around 1.3 kgs. These structures are
sold commercially in sizes 1U, 1.5U, 2U, 3U, 6U, 8U, 12U, 16U and 36U as shown in Figure (1.1a). CubeSats
with size less than 12U usually have a mass less than 10 kgs and fall under the category of nano-satellites.
In the year 2000, Prof. Jordi Puig Suari and Prof Bob Twigs [135] are credited for introducing the concept of
CubeSats and for pioneering the Newspace industry that thrives on small satellites with low cost and less
development times. These CubeSats are fit inside deployers as shown in Figure 1.1b and deployed in orbit.

(a) Different CubeSat sizes [194] (b) CubeSat being fit inside a deployer

Figure 1.1: CubeSats and deployers
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1.1.2. System, sub-system & elements
According to ECSS-S-ST-00-01C [21], a system is a set of interrelated or interacting functions to achieve
a specified objective. An example of a satellite system will be the Attitude Determination & Control Sys-
tem (ADCS) [157]. A sub-system is a set of independent elements combined to achieve a given objective by
performing a specific function. The star-tracker will be an example of a sub-system constituting the ADCS.
An element is a combination of integrated equipment, components and parts. Equipment is an integrated
combination of parts and components that perform a specific function. They are self-contained and can be
manufactured separately. An example of equipment will be a Printed Circuit Board (PCB). A component or
a part is a device which performs a single electronic, mechanical, electrical or electro-mechanical function
and cannot normally be disassembled without destruction. The term "part" is used for mechanical devices,
and the term "component" is used for electronic devices. The fasteners like bolts and nuts are parts, and cir-
cuit elements like transistors, resistors, capacitors, etc, are components that make up the sub-system. In the
current application, the SADM is the sub-system of the structures and mechanisms system of the satellite.

1.1.3. Purpose of the SADM
The Solar Array Drive Mechanism is a sub-system responsible for deploying the panels in orbit, rotating the
solar arrays to the desired position and transferring the generated power to the CubeSat EPS for the entire
duration of the mission. The Solar Array Drive Mechanism system has been given various other names and
acronyms like Bearing and Power Transfer Assembly (BAPTA), Solar Array Rotary Actuator (SARA), Solar Array
Deployment Assembly (SADA) and Solar Panel Deployment Mechanism (SPDM). In this project, this sub-
system would be referred as SADM, henceforth. Some missions would require the constant positioning and
alignment of the solar arrays with respect to the sun to capture maximum sunlight and generate maximum
power. In this case, the position of the panels has to be constantly adjusted relative to the position of the Sun.
By generating more power, advanced mission capabilities that require more power can be accomplished.

1.1.4. Functions of the SADM
The SADM is mainly required for five main functions:

• To transfer the generated power from the solar panels to the satellite bus.

• To maintain the solar arrays in stowed position during launch without damaging them.

• To deploy the arrays to the required final position and position them relative to the sun.

• To transfer the data from sensors mounted on the solar panel to the satellite body.

• Maintaining the position of the solar arrays at the desired position and preventing them from wobbling
or waving.

1.1.5. SADM elements
The SADM is an assembly of elements within the satellite. These elements assembled together form the
SADM and enable it to achieve its functions. These elements themselves have sub-functions that they must
perform to enable the SADM to achieve complete functionality. The SADM can be broken down into five such
elements as shown in Figure (1.2). The rotary actuator is responsible for rotating the solar arrays. The sensors
measure physical quantities which are required for control, monitoring and error detection. The interfaces
form most of the elements in the SADM. They can be classified as electrical and mechanical interfaces. Elec-
trical interfaces allow electrical connections between the elements of the SADM and also between the SADM
and other CubeSat systems. Electrical interfaces allow the SADM to achieve its functionality of transferring
power and data from the solar arrays to the CubeSat mounted systems. Electrical interfaces include wires,
power & data transfer mechanism like sliprings, connectors, etc. Mechanical interfaces allow the transfer of
mechanical power and loads within the SADM elements and from the SADM to other systems and elements
of the CubeSat. These include mechanical power transfer elements, couplings, springs and fasteners (bolts,
nut, screw, rivets, etc.). As most of the mechanical elements move and as some of them are in contact with
each other, tribology comes under effect. Tribological elements ensure to reduce friction between these inter-
acting surfaces to mitigate mechanism failure. These include bearings and lubricants to name a few. Control
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electronics bring together all the elements by controlling and commanding them in order to enable the SADM
to achieve its objectives.

Figure 1.2: Breakdown of the SADM into elements and their respective functions

1.1.6. Design considerations & significance
The design of the SADM depends on the mission profile (orbit type, sun availability, sun angle, etc.), size of the
satellite and requirements (power, performance, interface, etc.). Therefore, it is not a single design suitable
for all missions. This is a critical system in the satellite because failure to deploy the solar panels would cause
inadequate or no power production. Without power, none of the sub-systems would be able to function, and
the satellite would not be able to fulfil its mission requirements. This would mean that the satellite would
just be another costly debris in space if the SADM fails. Given that it is a combination of elements combined
to form a mechanism assembly, eliminating a single point of failure is important. Also, as it is required to be
continually in operation over the mission lifetime in the extreme space environment, having high reliability
is also important for this system.

1.2. Research questions
As the title of the thesis states, the main aim of the thesis is to design a SADM for CubeSats. To achieve this
goal, three main research questions and sub-questions were formulated as stated below. The rest of this re-
port aims to elucidate the process of finding answers to these research questions. Each of these research
questions will be answered in each chapter and each of their sub-questions will be answered within the sec-
tions of each chapter.

1. Why design a SADM for CubeSats?

(a) What causes space mechanism failure?

(b) What is lacking in the existing state-of-the-art products?

2. How to design a SADM system for CubeSats that is reliable (less failure scenarios and probability of
its occurrence)?

(a) How to design or select an actuator that can rotate the solar arrays?

(b) How to design a power & data transfer arrangement capable of transferring the maximum power
with the least degradation over its lifetime as opposed to such shortcomings of conventional
sliprings?

3
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(c) What causes the failure-causing components in space mechanisms susceptible to failure and how
can they be designed to have lower chances of failure through their lifetime?

(d) How to design interfaces that can survive the environmental loads and be reliable through their
lifetime?

3. How to verify the system’s proper functioning and survival in a space environment for a given mis-
sion lifetime?

(a) How to verify if the system is capable of surviving environmental conditions (ground, launch and
space)?

(b) How can the system be validated?

1.3. Thesis outline
This report is split into seven chapters. The current chapter is the first and introduces the SADM by exploring
its functions and elements. Followed by this, the research questions for this project were formulated.
Chapter 2 It explores the motivation for this work by exploring the demand for SADMs for CubeSats, space
mission failures due to mechanisms and the state-of-the-art technology existing and their drawbacks.
Chapter 3 describes the systems engineering involved in the project by arriving at the requirements and con-
straints that applied to the SADM sub-system’s design.
Chapter 4 dives into the SADM design by exploring the mission scenarios that the SADM would experience in
orbit and then describes the system level working of the SADM by describing its architecture and operating
modes. Based on the operating environments and the requirements established for the sub-system, prelimi-
nary calculations of the mechanical power required, electrical power that the SADM has to handle and design
loads that the SADM has to survive will be calculated so that the constituent elements can be designed ac-
cordingly.
Chapter 5 dives deeper into the SADM design by exploring each element’s design step-by-step by firstly high-
lighting its purpose, followed by the element’s requirements translated from the SADM’s requirements, fol-
lowed by a trade-off for technology selection based on the requirements and finally describes its design and
the rationale. The housing design is described first as it sets the envelope for the rest of the enclosed ele-
ments. This is followed by a section detailing the selection process of the rotary actuator used in this project
to rotate the solar panels. This section is further followed by the mechanical power transmission design that
transfers the mechanical power from the actuator to the solar panel. The next section describes the electrical
power transfer element that allows relative rotation of the solar array and the CubeSat. This is then followed
by a section detailing the selection of the most critical tribological element of the system - bearings. The next
section describes the position sensor’s selection process that monitors the shaft’s position. The chapter ends
by describing the selection and sizing of the electrical and mechanical interfaces that connect the SADM to
other systems of the CubeSat.
Chapter 6 describes the verification and integration process of the SADM that was carried out to verify its
requirements.
The report culminates in the last chapter 7, where the project results are described along with the answers to
the research questions formulated at the beginning of this project. This chapter also suggests recommenda-
tions for continuing this project to achieve a space-qualified product which could not be achieved during the
stipulated time period.
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2
Motivation

This chapter will attempt to find an answer to research question 1a. This chapter will investigate the need for
a SADM for CubeSats.The first research question has two sub-questions - 1a & 1b. In order to answer these
questions, this chapter firstly introduces satellites, followed by a brief overview of their history and evolution.
The chapter then explores the trends in the growth of the industry and the missions they are utilised in. This
is then followed by a section 2.3 that investigates missions that failed due to mechanisms and the lessons
learned from such missions. This section aims to answer research question 1a. The chapter then explores
the history of SADMs from their application in MicroSats and their evolution over time. The next section is
aimed at finding an answer to research question 1b. Section 2.4 details a review of the state-of-the-art SADMs,
followed by a critique of their drawbacks and future demands. The chapter culminates with section 2.5 that
gives an account of the summary briefing on the research gap and the dire need in the industry for such a
product which serves as the motivation for this project.

2.1. History and evolution of satellites
Planets have natural satellites that orbit around them, and these planets are in turn satellites for the star
that they revolve around. The Moon is the Earth’s natural satellite and the Earth is the Sun’s satellite. Simi-
larly artificial satellites have been launched into space made by humans to revolve Earth and get a bird’s eye
view of the Earth or to enable communication or explore rest of the solar system and its planets. These ar-
tificial satellites can be categorised based on their size or purpose. Artificial satellites are mostly launched
for purposes like communication, observing Earth, observing other planets, exploring extra-terrestrial en-
vironments, measuring scientific data, meteorology, navigation, in-orbit demonstration of new technology
and in-orbit manufacturing. Satellites are advantageous for Earth-based applications because they can over-
come terrain imposed hindrances in communication and they can cover large parts of the Earth in a single go
which is beneficial for observation. They are advantageous for extra-terrestrial applications as they overcome
the atmosphere-induced hindrances in imaging and as they are machines they can be operational for years.
Based on mass, satellites are classified as shown in the Table 2.1 below:

Category Mass (kgs)
Extra heavy > 7001

Heavy 5400 to 7000
Large 4200 to 5400

Intermediate 2500 to 4200
Medium 1200 to 2500

Small 600 to 1200
Mini-satellite 200 to 600

Micro-satellite 10 to 200
Nano-satellite 1 to 10
Pico-satellite 0.1 to 1

Femto-satellite < 0.1

Table 2.1: Classification of satellites based on mass
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Since the launch of Sputnik-1 in 1957 (refer Figure 2.1a), thousands of satellites have been launched into
space to date and are continuing to be launched. The design of these satellites has changed over the years,
from their size to the technology they use and their purposes. The first satellites used batteries to power their
systems and were mostly radio-based communication satellites. These early satellites were small but they re-
quired large and expensive ground stations that needed constant maintenance by large manpower. Satellites
were recognized for their potential and more such missions were promoted. As the development in electron-
ics technology led to more transistors being implemented per chip, the size and complexity of the satellites
increased compared to the initial satellites to enable the satellite to be applicable for more varied applications
and missions such as remote sensing, mass communication, navigation and reconnaissance for military ap-
plications. This trend was observed for four decades from the 1960s to the 2000s. One such extra-heavy cate-
gory satellite launched during this era is the EnviSat as shown in Figure 2.1b, which was an European remote
sensing satellite equipped with various scientific payloads (spectrometer, radiometer, altimeter & Synthetic
Aperture Radar) to observe Earth. The satellite systems also changed to cope with this varied applicability.
The power systems now included much larger solar arrays that could be stowed, deployed and constantly
pointed at the Sun, the communication systems included large antennas to achieve concentrated beams and
reuse spectrum multiple times and the ADCS systems changed to allow three-axis stabilization and higher
pointing accuracy to point at the ground station. The development in electronics led to an inversion of size in
ground support systems as they grew smaller compared to their earlier variants and required low manpower
for maintenance.

(a) Sputnik-1: launched 1957 (b) EnviSat spacecraft: launched 2002
(c) A 3U Dove CubeSat with a human for scale:

launched 2013

Figure 2.1: Evolution of satellites with time

By the end of 20th century as the computer industry and internet saw a great spike in expansion, as a result
the micro-electronics industry experienced a huge development and the electronics could be miniaturised
much more than ever. Towards the end of the 20th century, the satellite industry went through a complete
change in approach. Before this period space missions and space engineering were limited only to national
space agencies of the country and the companies supplying them with their products. By the end of the 20th

century, space travel and space missions had inspired many people around the world thus drawing more
learners to the subject, especially at the university level. This spike in interest led to the advent of CubeSats.
In the year 2000 the concept of CubeSats was introduced by Dr. Jordi Puig and Dr. Bob Twiggs [135], the
satellite industry saw new entrants like universities, commercial companies and start-ups. The first CubeSat
was launched in the year 2000 by California Polytechnic University in collaboration with Stanford University
[144]. The idea of smaller satellites became popular mainly to cater to student missions whose sole aim was
for educational purposes. These missions had a low budget, lower development times and fewer mission
objectives to be achieved as a result these missions needed small instruments and consequently smaller sup-
porting sub-systems. Also, as these satellites are small they could piggyback on larger spacecraft and thus do
not have to wait for long periods to be launched into space. Prof. Jordi Puig-Suari & Prof. Bob Twiggs intro-
duced the concept of CubeSats and their standard sizes for catering to various applications. The standard
CubeSat sizes are defined based on units (U) where 1U is a cuboid of dimensions - 10 x 10 x 11 cm and weighs
around 1.3kgs. The standard CubeSat frame sizes that are commercially available are - 1U, 1.5U, 2U, 3U, 6U,
8U, 12U, 16U, 27U and 36U as shown in Figure A.3. All these advantages initiated entrepreneurship and many
start-ups entered the space industry. Small-satellites became popular due to educational institutes but very
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soon they were being used for commercial, military, technology demonstration and scientific purposes. This
trend still continues until today (2022). It is predicted that SmallSats have a brighter future in the upcoming
years as they are planned to be launched in large numbers (as constellations and formation flying missions),
planned for use in inter-planetary missions, asteroid imaging missions, private companies using constella-
tions for Earth-imaging and internet service, and the possibilities just keep growing. Planet Labs was one of
the early companies to take advantage of CubeSats for commercial purposes. Planet Labs had launched a
constellation of 3U satellites called Doves as shown in Figure 2.1c, that were equipped with high resolution
camera and was aimed covering the entire Earth to track changes over time. Planet Labs is one of many such
companies that made use of the SmallSat’s advantages to become a successful enterprise. Few other such
companies include AAC Clyde, Surrey Satellite Technology Limited and One Web to name a few.

2.2. Present & future of Small-Sats
The last section described the inception and rise to popularity of SmallSats. This section is aimed at diving
deeper to understand the trends in their growth and their future to be applicable to advanced missions.

2.2.1. Trends in growth of the SmallSat industry
Around 8950 satellites in total have been launched into space from 1957 to 2021 [69]. Out of which only
3372 (37.676%) satellites are operational as of now [55]. As seen in Figure 2.2, the number of small satellites
launched over the years have seen exponential growth.

Figure 2.2: Total number of nano-satellites & CubeSats launched from 1998 to 2021 [66]

From 2000 until March 2021, around 1684 Nano-satellites (mass from 1-10 kg) have been launched into
space. This includes 1553 CubeSats missions which have been launched to date [66] including two inter-
planetary CubeSats to Mars [52]. Figure 2.3 shows the percentage of the number of NanoSats and CubeSats
compared to other classes of satellites (Mini-satellites, medium-satellites & Large-satellites) launched from
1957 until 2021. It can be inferred from the Figures 2.2 & 2.3 that NanoSats and CubeSats are forming a signif-
icant percentage of the total number of satellites, even though they had gained popularity only over the last
two decades. The reason behind this trend has been detailed in section (2.4.2). This growth trend is expected
to continue over the coming years as around 990 SmallSats are expected to launch each year till 2028 [25].
This would mean that around 2,400 nano/micro-satellites are expected to launch in the next five years [70].
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Figure 2.3: Percentage of Nanosats and CubeSats compared to Other class of satellites [52]

2.2.2. Advanced missions for Small-Sats
Initially SmallSats were launched for student research missions to collect data and for Earth observation by
imaging. This is the major purpose that the SmallSats are used for until recent times. As the technology
has matured over time, CubeSats are being used for advanced missions like communication, especially laser
communication, radar altimetry, ship tracking, interplanetary missions, AI-based on-board data process-
ing, in-orbit manufacturing and supporting 5G services. 5G is the communication technology that is being
heavily tested and implemented globally. Once the technology is fully operational it would support a whole
array of terrestrial applications like autonomous cars, Internet-Of-Things, Over-the-Top media services and
data networking to name a few applications. LEO SmallSat constellations could support bigger satellites in
covering more ground space more frequently. Compared to conventional Earth imaging applications, these
missions would require higher electrical power as they have to process huge amounts of data at faster rates.
As an example, AAC Clyde Space’s imager IM200 [29] consumes a peak power of 1W whereas the laser com-
munication terminal CubeCAT [56] made by the same company consumes a peak power of 15W. This results
in two consequences on the satellite system - faster processing systems and communication systems with
high bandwidth and high speed (transmission and receiving). In order to support these systems, the power
system must be capable of providing higher electrical power.

(a) CubeSats for laser communication [195] (b) CubeSats for Internet-of-Things [93]
(c) MARCO - Interplanetary CubeSat mission

to Mars [63]

Figure 2.4: Applicability of CubeSats for advanced missions

Higher electrical power demand in CubeSats can be met in three ways - by improving the PV cell effi-
ciency, increasing the number of PV cells or maintaining optimal conditions for power production of the PV
cells. These methods can also be combined together, ideally, all three methods would have to be combined
to achieve maximum power generation. Triple-junction solar cells are the most commonly available com-
mercial PV cells for space applications and have a maximum efficiency of around 32%. Four junction PV
cells are just coming into the terrestrial market and have an efficiency of around 48%. No such PV cell was
commercially available for space application at the time of writing this report. Such a high efficiency PV cell
will definitely boost the power production capability per unit area of the solar panel. The number of PV cells
can be increased by fitting as many cells in a panel or by having a very large solar array. Using a large solar
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array is not favourable because it increases the mass of the satellite and moreover there is limited space in
the SmallSat deployers, which means there is a limited number of panels that can be used. The third option
is to maintain optimal conditions to maximize power generation from the PV cells. The power produced by
PV cells depends on their temperature, relative angle of sunlight and intensity of the radiation. The power
produced deteriorates with increase in temperature, so low temperature is preferable for power production.
As the satellite revolves around the Sun, the temperature of the solar panels are bound to increase this can
be controlled to an extent using active or passive thermal control methods but cannot be completely elim-
inated. The intensity of radiation is dependent on the distance from the Sun, as most satellites in LEO do
not change this distance, the intensity of radiation is not going to change. The power generated by the PV
cells is related to the angle between the normal to the solar cell and the sun rays by a cosine relation. As the
power generated is related by a cosine function, maximum power is generated when the angle between the
PV cell and the sunlight is zero. As the satellite rotates around the Earth and as different missions require
different pointing requirements, the orientation of the satellite changes with time and position of the orbit.
This causes different relative position of PV cells with respect to the Sun and leads to lower than maximum
power generation. This issue can be solved by allowing relative rotation of the solar arrays with respect to
the satellite structure. This is where the SADM comes handy and solves this need for constant orientation by
allowing relative rotation of the solar arrays with respect to the satellite structure.

2.3. Success rate of Small-Sats
Even though the SmallSats have gained popularity over the years, they have also been known for their high
infant mortality rates and low success rate. This is evident in the Figure (2.5a & 2.8b). It can be seen that only
329 missions out of the 1145 CubeSat missions have completed their entire mission completely. Also the fact
that 124 CubeSats arrived dead on-orbit and 63 CubeSats having failed early highlights the infant mortality
issue of Small-Satellites. The low success rate can be attributed to multiple causes but the most compelling
reason was suggested by Decker, who indicated that the majority of missions failed because the integrated
testing was not carried out due to time and budget constraints of the educational institutes [119]. It is also
important to note that the success rate has been improving over the years [52]. This can be attributed to the
fact that most of these failed SmallSat missions are launched by educational institutions and Hobbyists who
become better at developing the technology with experience. A similar trend can also be observed in the case
of Nano-satellites, which is depicted in Figure (2.5a). Overall it can be stated that the technology has matured
enough to witness lower failure rates and is ready to be extended to a wide range of applications.

(a) Operational Status of NanoSats (1999-2021) [66] (b) CubeSat mission status (1999-2019) [52]

Figure 2.5: Operational status of Small-satellites

2.3.1. Missions affected by mechanisms
Diving a bit deeper to find out the other causes behind the high failure rate of the Small-satellites, a graphical
representation has been presented in Figure 2.6. From this pie-chart, it can be observed that communication
and power systems are the major cause of failure (17% each), followed by the mechanical system [119]. This
observation is further validated by Guo et al., who have found through statistical methods that Mechanisms,
Telemetry, Tracking & Command (TTC) and the Thermal Control systems have the lowest reliability among
all the other systems and consequently are the main causes of early failure of CubeSats [131].
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Figure 2.6: Causes of CubeSat mission failure (1999-2013) [119]

Not only in recent SmallSat missions, but many earlier satellite missions have suffered due to failure of
such spacecraft mechanisms. A detailed review of about 30 such missions from 1964 to 1967 that suffered
due to mechanisms malfunctioning or failure has been reported by Shapiro et al. [184]. Among the various
affected missions, most notable ones are the Voyager (1977), SeaSat (1978), Apple (1981), Magellan (1989),
Galileo (1989) and the Hubble space telescope (1990) [127]. A very recent study conducted by Rivera [172]
dives deeper into the space missions from 1964 to 2020 that were affected due to failure of deployable mech-
anisms, their cause and their impact on the mission in terms of cost and severity. It has to be noted that this
study has not considered CubeSat missions. Around 54 spacecraft missions were surveyed in this study and it
was stated that on average at least one spacecraft has been affected every year from 1961 to 2020. The graph
showing the number of space missions affected each year due to the failure of deployable mechanisms has
been shown in Figure 2.7.

Figure 2.7: Deployable mechanisms failure per year 1961-2020 [172]

The scan platform gearbox of Voyager seized because of lubricant failure. The SeaSat failed because of
short circuit due to slip-ring debris between power and ground disc. ArabSat-1A [13] and Thaicom-3 [53]
also faced short circuit in sliprings which caused permanent loss of transponders and temporary outages
respectively. The solar arrays of the Apple satellite failed to deploy because of the deployment device failure.
The Magellan satellite failed to latch at the end position because of the micro-switch maladjustment. The
instrument cover and the antenna cover of Galileo failed to deploy because of thermal binding. The solar
array booms of the Hubble telescope experienced jitter because of thermal gradient in the deployable boom.
A couple of missions also faced disruptions due to lubricants. The Earth Radiation Budget Satellite (ERBS)
[22] and INTELSAT-V [62] are two such missions whose mechanisms failed due to lubricants. The whole
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SADM system has failed in a couple of missions like the LandSat 5 [38], Eutelsat W5 [26] and HELIOS[181].
In some missions like the PIONEER 11 [44] and the GOES 10 [28] missions the SADM failed due to radiation
induced malfunction and gear damage respectively.
The study conducted by Rivera classified the deployable anomalies by type and cost of insurance claimed for
the damage to mission as shown in Figure (2.8). As shown in the figure (2.8a), it can be observed that solar
array deployable mechanisms contribute to majority (29 out of 54) of the deployable anomalies as compared
to deployable booms, antennas and tethers[172]. The solar array deployable mechanisms also contribute to
the majority of the insurance claims (close to 800 million USD) as compared to deployable antennas. This
highlights the significance and magnitude of impact the solar array deployable systems have on the entire
spacecraft and the mission.

(a) Deployable mechanism anomalies by type (b) Deployable mechanism anomalies by insurance claim

Figure 2.8: Type and insurance claims of deployable mechanisms by type[172]

2.3.2. Lessons learned from space mechanisms failure

The lessons learned through developing and testing mechanisms for various missions have been documented
by NASA. The lessons learned from experience with space mechanisms have been divided into three cate-
gories: deployable appendages and rotating & oscillating systems. The most common cause of failure in
all of these sub-systems and their components were found to be lubrication issues (early depletion or over-
lubrication issues), vibration-induced unexpected behaviour (like deployment), ball-bearing damage, and
other unexpected effects caused by thermal gradients [181]. Furthermore, the study suggested that Hold-
Down and Release Mechanism (HDRM), bearings and sliprings were found to be very critical components
as they had high chances of failure. The study by Rivera has categorized the space mission failures due to
deployable mechanisms based on the cause as shown in Figure (2.9). Most of the reasons for anomaly were
unknown as the failure occurs in space. But the most prominent causes of failure were found to be caused
by tribological elements, followed by thermal and mechanical interfaces. It can be summarized from these
studies that tribological elements (bearings, lubricants, gears, etc.) and interfaces (electrical & mechani-
cal) are the most crucial components of the solar array deployable mechanisms.
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Figure 2.9: Deployable mechanism anomalies by cause [172]

2.3.3. Overview
In this section, it was found that SmallSats are increasing in the number of launches compared to bigger
satellites, and this trend is expected to continue through the current decade too. Moreover, it was found that
SmallSats are becoming potential candidates for advanced missions and this in turn requires higher power.
Through analysis of the previous satellite missions, deployable mechanisms are less reliable and have been
a significant cause of mission failure in both SmallSats and the bigger class of satellites. Furthermore, the
tribological elements were identified as critical components in mechanisms. From this section, the need and
significance of the SADM system in a satellite has been understood and the need for a highly reliable system
was found.

2.4. Survey of Solar Array Drive Mechanisms
In the previous section, the significance of the SADM systems was understood. This section is aimed at diving
a little more deeper to find out the past, present and future of the SADM systems used in satellites. The
section is split in to two sub-sections namely the SADM for Micro, Mini-satellites and the Small-satellites.
This section also discusses how the system design differs with respect to the size of the satellite and explores
the commercially available products and their respective drawbacks. More significance will be provided to
SmallSats as they are the focus of this project. But the lessons learned from the SADMs used in both of these
class of satellites will be utilized.

2.4.1. SADMs for Mini/Micro-satellites
History of SADMs for Microsats
Mini-satellites are satellites having mass in the range of 100-500 kg, whereas micro-satellites are satellites
having mass in the range of 10-100 kgs. Sputnik-1 was the first micro-satellite to be launched and it used
batteries to power it’s systems. Vanguard-1 which was launched in 1958 was the first satellite to make use
of solar cells to generate power, it made use of body mounted solar cells [7]. Explorer-6 was the first micro-
satellite (64.4 kg) to use deployable solar panels for power generation [6]. As the satellite was spin stabilized,
the solar panels were deployed using moment generated by the satellite spin. Currently, this class of satellites
are usually launched in low numbers as compared to smaller satellites (Like CubeSats & Nanosats) because
they have a longer development time and higher development cost. As a result of higher development cost
and times, only space agencies and big companies are mostly involved in the development and launch of this
class of satellites, educational institutions do not participate much. Thus, Mini & MicroSats mostly find their
usage in commercial, military and large scientific applications.
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Need of SADMs for Microsats
These are significantly bigger satellites and have bigger instruments and longer mission duration. Thus, they
have higher power demands as well, usually in the range of Kilo-Watts. Consequently it follows that this type
of satellite would have larger solar panels and higher power and data transmission requirements. The SADM
systems for such satellites are accordingly designed to handle large amounts of power. This is the design as-
pect that differentiates the SmallSat SADM from the bigger ones. These class of satellites usually use sliprings
for power transfer and data transfer. Also, satellites of this class make use of multi-DOF actuation mech-
anisms rather than just body-mounted panels as they have high power requirements and steerable panels
provide higher power generation capability. Also, as these class of satellites are bigger, they have less strict
volume and mass constraints when compared to smaller satellites which is also another reason for using
bigger components like sliprings and motors.

Trends in research and state-of-the-art technology
One of the earliest SADM systems from the 1970’s have been described by Rees et al. for the ESA’s communi-
cation satellite missions around that time [171]. It weighed around 4.2 kilograms and was capable of trans-
ferring 4.5 kW of power. The design made use of gold-plated sliprings for power transfer, sun-sensors for
pointing, brushed DC motors for actuation, pyrotechnic pins for stowage and release, dry lubricants and Sil-
ver / Molybdenum-di-sulphide (Ag/MoS2) brushes in the slip ring. This design was attained after testing for
2 years on an initial model.
Many of the later designs of SADM that followed made use of a similar design but with slightly different
variations and modifications. In an attempt to eliminate discontinuities in angular momentum, improve op-
erating torque margins and to eliminate stalling and back-driving Jones and Roger describe a constant speed
solar array drive mechanism. To achieve constant speed motion with the stepper motor they have used the
concepts of mini-stepping, reduction gearing and open loop control [145]. The SADM designed for the Ger-
man DFS-Kopernikus satellite also made use of a stepper motor for actuation but used a quartz oscillator
for controlling speed and direction, pancake-type slip-ring with the same (Ag/MoS2) brushes and an opto-
electronic zero position sensor [96]. Around the same time, NASA as well made use of stepper motors for
actuating its SADM systems for the XTE and the Tropical Rainfall Measurement missions [125]. But this de-
sign made use of a cable wrap for power and data transfer and thus had limited rotation capability of ± 175
degrees. Other notable features of the design used were the spring loaded hinges to provide kick-back force,
spherical bearings for correcting misalignment, viscous damper for slow speed deployment and rotary po-
tentiometer for position telemetry of the shaft.
The SADM technology for mini-satellites and bigger satellites had matured by the end of the 20th century as
most of the satellites were using similar SADM systems as described above with minor changes as required
by the mission. Around the start of the 21st century, research on improving the performance of these systems
were prevalent. Rajagopal et al. designed the hybrid stepper motor so as to attain a constant torque opera-
tion irrespective of changes in the voltage or operating temperature [169]. This was achieved by modifying
the stator winding and the permanent magnet operating point of the hybrid motor to attain torque satura-
tion. Following this work, Devasahayam et al. found that material saturation limited the torque capability of
the stepper motor. A power efficient and higher torque capabilities were obtained by removing the material
saturation in the pole stem and yoke and also by increasing the rotor permanent magnet excitation [120].
Later in to the 21st century, in recent times (2003-2017) most of the research has been focused on designing
and developing compact versions of the SADM. During this period, multiple private organizations stepped
into space engineering research and thus it can be observed that most of these research were aimed at devel-
oping a modular design in order to be used for various mission geometries (LEO, GEO, MEO, etc.) which had
the drawback of being over-designed in some cases [98]. As the size of the SADM had been reduced and the
power specifications remained almost same or increased in some cases, the thermal issues and the electrical
noise were observed to be the most challenging issue to tackle in the designing phase [92, 98, 151]. These
SADM systems were not much different from the earlier systems, some of them made use of planetary gears
[128] or spur gears for micro-stepping and cable wraps for power transfer so as to achieve a compact and mod-
ular design. Remaining designs made use of the previously established designs like gold-on-gold brushes for
the slip-ring, optical encoders for position measurement and Commercial Off The Shelf (COTS) stepper mo-
tors for actuation, etc with minor improvements. Apart from these single-axis deployable systems, an unique
bi-axial SADM was described by Scheidegger et al. which included a track axis (± 360 deg) for tracking sun
and a trim axis (± 60 deg) for compensating satellite’s attitude changes due to disturbances [175]. This was de-
signed for advanced Low-Earth orbit missions of mini and micro-satellites which had higher power demands

13



2. Motivation

and frequent eclipse periods. The basic principles and mechanisms behind this bi-axial SADM was taken
from imager focus mechanisms and antenna pointing mechanisms already used in imaging satellites. This
bi-axial SADM also used stepper motors for actuation, spur gear transmission, duplex bearings, deployment
locking mechanism and a slip-ring. It weighed around 6 kgs and was capable of handling up to 60 circuits at
1.5 A.

COTS SADMS for Mini & Micro-Sats
The various commercially available single degree articulated Solar Array Drive Mechanism products are as
listed in Table A.1 [1–5]. Few of the SADMs used in Micro and MiniSats are shown in Figure 2.10. As visible in
the pictures, these SADMs were big and weighed in the range of 3 to 5 kilograms each. It was observed that
most of these products were designed in such a way so that they can be easily modified to have a different
number of power and data transfer rings in the slipring, step angles and other such performance parame-
ters. Apart from the single axis articulated mechanisms as listed in the Table A.1, various 2-DOF gimbals are
commercially produced by companies like Sierra Nevada Corporation, Honeybee Robotics and RUAG Space.

(a) Moog’s 3/5 type SADA for SmallSats [65] (b) RuagSpace’s SEPTA-33 SADA [47] (c) Sierra Nevada Corp C14-750W SADA [49]

Figure 2.10: SADMs for Mini and MicroSats

2.4.2. SADMs for SmallSats
This sub-section will explore the SADMs for SmallSats by exploring their need in such a system, and trends in
research and culminates with a survey of COTS products and a critique of their drawbacks.

Need of SADM for SmallSats
CubeSats need electrical power to function, and this demand is solved by using solar cells. Solar cells could
be either body-mounted or deployable. The small satellite is usually launched by a deployer which is cu-
bical, this means that the deployable structures must be folded, and the satellite must be stowed into the
deployer for launch. The HDRM come in use for this purpose, to hold the deployable solar panels in stowed
position during launch and deploy them at the right time once in orbit. It is different from the SADMs used
in bigger satellites as they should be smaller due to the mass constraints, volume constraints, and clearance
requirements set by the deployer [144]. As stated earlier in the sub-section (2.2.2), different missions require
different pointing modes of the payload, and the solar cells need perpendicular positioning with respect to
the sunlight to generate maximum electrical power. Satellites with fixed deployable panels usually have a
specific Sun-pointing mode where the satellite is oriented towards the Sun for maximum power generation.
The problem of the difference in pointing requirements of the payload and the solar cells is solved using the
SADM. This is the main reason to use a SADM in a SmallSat, to decouple the payload and solar panel point-
ing requirements so that both have optimal pointing. Another important reason for using steerable solar
panels over body-mounted panels is the increased power-producing capability. It was found that articulation
of the panels around a single axis for a 3U CubeSat in LEO could provide from 496 W /m2 up to 817 W /m2

as compared to just 286 W /m2 power density capable by a body-mounted solar panel [137]. Considering the
increased power demand by the current and future CubeSats for advanced missions, deployable panels are
the most desired option over body-mounted panels, thus requiring a SADM for such systems.
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Trends in research and state-of-the-art technology:
Various papers have been published over the past two decades describing the design, development, manu-
facturing and testing of the CubeSat SADM systems. The earliest CubeSat made use of body-mounted solar
panels as the power demand was very small [168]. CUTE-1 and QuakeSat were one of the first CubeSats to
use deployable solar panels in 2003. CUTE-1 used a DC motor to remove a stopper and allowed the panel to
be deployed by the restoration force of the hinge’s spring [161]. QuakeSat made use of a spring-loaded hinge
to deploy its solar panel and had a deployable boom mounted with high sensitivity magnetometer [152]. One
of the first deployed tracked SADM systems was designed by Honeybee robotics in 2010, which used a bipolar
stepper motor and an intra-bank barrier to achieve autonomous sun-tracking [163]. In the same year multi-
ple papers were published on different designs of SADM systems for CubeSats like spring actuated hinges for
deploying & damping the panels and pyrotechnics for burning the hold-down nylon wire [122], scissor-joint
based deployment mechanism described by Senatore et al. [180], articulation using a micro-stepper mo-
tor [137], deployable booms for solar sails [162, 190] and Hoberman mechanism based deployment system
[124]. After this, various CubeSats started utilizing the existing technology with minor improvements. Espe-
cially many CubeSats made use of the spring actuated hinge mechanism for solar panel deployment along
with a nichrome burn wire HDRM like Walsh [198], Santoni et al. [174], Mahdi et al. have detailed a similar
SADM for nano-satellites[154] and Solís-Santomé et al. have described a similar design but have incorporated
a latch to the hinge in order to lock and maintain the panel at the final desired position [189]. Also MARCO,
the first CubeSat to Mars made use of the similar spring loaded hinge for deployment and nylon burn wire
for hold-down and release [136]. Apart from the spring-actuated hinge mechanism, the Shape Memory Alloy
based deployment mechanism and the micro-stepper motors were the most researched and worked upon
deployment methods. Santoni et al. [173] and Marino et al. [156] have detailed the design, fabrication and
testing of the micro-stepper motors to deploy and actuate the solar panels of a 3U CubeSat. Recently, Guzik
and Benafan from NASA have designed a SMA based HDRM and hinge for usage in CubeSats [132].
In summary, it can be inferred from the existing literature that spring deployed hinges are the most used
SADM system for CubeSats and nano-sats having fixed deployed position as they are simple and reliable.
Micro-stepper motors are prevalently used for systems requiring 1-DOF articulation. SMA based solutions
are being moderately used for actuation and being researched as they can only provide two shapes and have
a complicated manufacturing and training process.

Commercially available SADMs for SmallSats
A handful of SADMs are available as off-the-shelf products for CubeSats as shown in Figure 2.11. This sub-
section will describe these SADMs and their performance specifications. The CubeSat SADM by Honeybee
Robotics is one of the most popular commercially available integrated SADM systems for CubeSats. This
was one of the first products to be launched in its category. This product uses two micro-stepper motors
to actuate two solar arrays and slip rings for power transfer. It is capable of ± 180 degrees tracking motion,
it can accommodate a peak power transfer of 18 Watts per wing and it is just 6.5mm thick making it a very
convenient option [11, 202]. This system is currently being used in the One-Web satellite constellation [10].

Commercial SADM
for CubeSats

IMT SRL
µ-SADA [30]

HoneyBee
nanoTrack

Tethers Unlimited
Cobra HPX [9]

RevolvSpace
SARA [46]

CubeSat sizes
applicable

6U & 12U 3U - 3U & 6U

Dimensions
0.15 U

(100x88x15 mm)
0.065U

(100x100x6.5 mm)
0.37U

(113x113x29.2 mm)
0.15 U

(96x96x15 mm)
Possible panel

mounting positions
2 2 6 2

Pointing accuracy ±0.3 deg - ± 0.077 deg ± 0.1 deg

Special features
Well suited for

interplanetary missions
Smallest in market 3-DOF

Drag based
attitude control

Table 2.2: Commercial SADMs for CubeSats

Tethers Unlimited Inc is the only company in the world to have designed a 3-DOF gimbal positioning,
and pointing mechanism for CubeSats - the COBRA-UHPX and the COBRA-HPX [9]. It uses the Canfield joint
design and doesn’t use sliprings or cable wraps for power transfer. It can position and point the panels or
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2. Motivation

antennas within a complete hemisphere at a high resolution of ±0.077 degrees. The newest entrant in this
category of products is the RevolvSpace SARA. The design of this system is very similar to the HoneyBee
Robotic’s nanoTrack SADM. The only difference being, this SADM has a higher height and higher pointing
accuracy than the HoneyBee robotics SADM. This SADM is also different in the aspect that it is applicable
to fit with 3U and 6U CubeSats, whereas the HoneyBee Robotics SADM is applicable to 3U CubeSat. The
specifications of the SADM are compared in Table 2.2. DHV Technology in Spain is also developing a SADM
for CubeSats called MicroSADA [18], but no specifications have been made public yet.

(a) Honeybee SADM
(b) The COBRA-UHPX Gimbal

(c) The gimbal used in for a solar array
articulation

(d) IMT SRL SADM prototype (e) IMT SRL SADM (f) RevolvSpace SARA

Figure 2.11: Commercially available SADMs for CubeSats

IMT (Ingegneria Marketing Technologia) in collaboration with University of Roma have designed a SADM
very similar to the Honeybee Robotics system, which is capable of driving two solar panels about one DOF
[173]. GomSpace, a Denmark based company sells two systems for deploying panels where one of them is a
spring actuated hinge [8] with 2 possible deployment angles and an one-DOF tracked solar panels [8] whose
specifications have been kept confidential.

Drawbacks of existing solutions & future demands
Firstly, the very fact that only a handful of products exist for solar panel articulation of SmallSats and most
of them have the similar design highlights the need for a better and improved SADM in the market. With the
increasing amount of CubeSats (2.2.1) that are going to be launched in the upcoming years for varied mission
applications. Thus, it is high time that a new SADM product enters the SmallSat industry that is simple, reli-
able and efficient enough to meet all these demands.
Currently most CubeSats are in LEO that is why single axis steerable panels are used in most missions or as
observed in many cases, a simple spring-loaded hinge is used for fixed position deployable solar panels. But
after a few CubeSat demonstration missions to Mars (MarCO) and asteroid exploration missions (Hera mis-
sion), many such missions beyond LEO are planned in the near future [100]. Such advanced missions have
limited exposure to sun and carry lot of solar panels to meet their power demand, but articulation of solar
panels at least about one DOF would significantly reduce the number of panels and improve the power pro-
duced per panel. Thus increasing the application of CubeSats for various types of missions like interplanetary
missions, asteroid exploration, technology demonstration, inter-satellite communication, etc.
The current products do have drawbacks which make them less favourable for these advanced applications.
The gimbal designed by Tether Unlimited is bulky and over-designed for usage in CubeSat solar panel deploy-
ment. Moreover the effectiveness of the hemispherical rotation mechanism in terms of power generation is
not verified yet in any scientific publication. The Honeybee Robotics and the IMT SRL’s SADM suits the need
comparatively better, as it is compact, provides one DOF to the solar panels and designed to be compatible
with any CubeSat size. This product still has a drawback that it can only drive two panels, where four panels
can be deployed (one from each each edge of a face). And also, they are suitable for use only in one particular
panel mounting configuration. But there are many other panel configurations (as shown in Figure (2.12))
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2.4. Survey of Solar Array Drive Mechanisms

which are applicable for varied missions and pointing requirements where the usage of this product is not
possible. This is also one of the reasons why many CubeSats that have varied mission profiles use a simple
spring-loaded hinge and more solar panels to generate the same power that could be generated by lesser
panels with at least one Degree of Freedom (DOF).
These systems are very small and simple in terms of their working principle, which simply involves heating a
tie-down element (the most commonly used method). Given the simplicity and function of this sub-system,
it would be very advantageous to the end-user if the HDRM sub-system were also integrated with the SADM
system. Also the fact that the commonly used burn-wire mechanisms require proper tie-down for every use
makes them vulnerable to human errors and a time-taking process. Thus, a research gap still exists to find an
alternative HDRM mechanism that is easily reusable and can be integrated with the SADM system.

Thus, it can be said that the SmallSat industry would benefit significantly with the advent of a SADM prod-
uct that incorporates all these design features of being modular enough to be usable in more than one-panel
mounting configuration, has an integrated HDRM that is reliable and testable many times on-ground and
capable of maintaining power transfer capabilities over its mission lifetime.

(a) DelfiC3

(b) MARCO mission

(c) Diagonally mounted panels

(d) 3U CubeSat common panel mounting
configurations

(e) NASA Integrated Solar Array & Reflectarray
Antenna (ISARA) CubeSat

(f) More panel mounting configurations

Figure 2.12: Various panel mounting configurations for CubeSats of different mission profiles

Issues with SADM & their elements
From the literature review of the SADM system that has been conducted so far, multiple issues and research
gaps have been found in the SADM system and its elements. These issues and gaps were stated in detail in
the earlier sections. This sub-section aims to collect all these issues and summarize them so that they can be
addressed and avoided in the scope of the current project.
Firstly, most of the COTS SADMs have a similar design that can drive two solar arrays and are limited to ap-
plication in a few panel mounting configurations. It was also found that multiple space mechanisms, such
as the SADM, failed due to tribological elements and interfaces such as sliprings and bearings. These tribo-
logical elements failed due to debris and friction caused by various mechanisms, such as under-lubrication,
erosion, corrosion and surface irregularities. The Table 2.3 below briefly points out the issues and gaps in the
SADM and its elements, along with references to scientific publications that explore these issues in detail.
This table summarizes the findings from the literature review and the motivation for the current work.
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Components Issues References

COTS SADM

Applicable to limited panel mounting configurations
3 of the 5 SADMs are similar in design
Not scalable for use in multiple CubeSat sizes
Tethers Unlimited product is voluminous
IMT SRL’s µ-SADA occupies internal volume

-

Power and data
transfer mechanism

Issues with sliprings
Material erosion (Abrasive & arcing)
Debris generation
Heat dissipated due to friction
Short circuit
Arcing at high voltage
———————————————————
Issues with wireless power transfer
Active electronics exposed to space radiation
Low Technology Readiness Level (TRL)
Difficulties in miniaturisation
High power loss transmission

[115, 206]
[113]
[130]
[121]
[112]
[97]

-
[167]
[208]
[109]

Bearings

Wear of ball and contacting surfaces
Vibration
Irregular torque variations
Right preloading
Maintaining preload
Gap formation

[34]
[159]
[102]
[150]
[197]

Tribology

Selection of right lubricant
Maintenance of lubricant levels
Under-lubrication causes friction
Over-lubrication causes leakage
Surface reaction
Creep
Volatility
Oxidation

[105, 106, 126]

Overall system
design

Thermal control
Minimisation of micro-vibrations
Reliability
Scalability
Integration and compatibility with other systems

[182, 183, 205]

Table 2.3: Issues in current SADMs and their common elements

2.5. Summary
In this section the past, current research trends and the future demands of the Micro-, Mini- and Small-
satellites were explored. The main takeaways from this section are:

• There is an increase in the number of CubeSats launched per year with increased power demand due
to advanced payloads and mission capabilities. SADMs are required to allow independent pointing of
payload and increase the power generation of PV cells by normal positioning with respect to the Sun.

• Current COTS CubeSat SADMs are voluminous and not modular (scalable for use in multiple CubeSat
sizes & configurable for use in multiple panel mounting configurations). Thus, there is a gap in the
CubeSat market for a modular SADM that is scalable for use in CubeSats of different sizes.

• Failures in space missions have occurred due to the failure of mechanisms. This can be attributed to
the problems in the sub-system’s common elements as summarized in Table 2.3.

A SADM system with a low volume, applicable for multiple panel mounting configurations and scalable for
use in CubeSats of different sizes, was needed in the industry. Now, that the need and the drawbacks have
been identified, upcoming sections will aim to address these demands and avoid the pitfalls.
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3
System requirements & constraints

This chapter will set the requirements and constraints for this project. Requirements are verifiable criteria
for the system. The requirements are set by the stakeholders of the project which include - the author, AAC
Hyperion, and TU Delft’s project supervisor. Constraints are restrictions imposed on the system by its oper-
ational environments. This is defined in the beginning so that the system can be designed in conformance
to these criteria & conditions. Most of the design decisions in the later sections will be based on these re-
quirements and constraints, making them an important stepping stone for the project. The requirements are
usually defined at a system level, which later flows down to the component level as child requirements. This
is in a way, a top-down approach. This chapter has three sections, it begins by defining the different kinds
of requirements in section (3.1) for the system along with their rationale and verification and followed by a
section (3.2) on constraints imposed on the system by its operational environment.

3.1. System requirements
System requirements are the guidelines to design the system and are usually formulated at the beginning of
the project based on the research questions and agreed upon in consultation with the stakeholders. They are
crucial because they drive design decisions. The requirements in this project have been divided into cate-
gories such as functional, performance, interface, environmental, Reliability, Availability, Maintainability &
Safety (RAMS) & Design.
There are four methods to verify the requirements, which include Testing (T), Analysis (A), Demonstration
(D) & Inspection (I). Testing using a prototype requires the operation of a part or complete system under
controlled conditions to verify if a quantitative requirement has been met. It requires test equipment & in-
strumentation for measuring. Verification by inspection includes a visual inspection of drawings, data, the
system itself and its physical attributes (weight, dimensions, colour, marking) or documentation. Verification
by analysis includes evaluation of data generated by statistical analysis, qualitative analysis and/or simula-
tions. Verification by demonstration includes observing and recording the system’s functional operation to
determine its conformance to requirements without using test equipment or instrumentation.

Functional requirements
Functional requirements are the key functionalities that the system shall be capable of performing. Simply
stated, the SADM system has to rotate the solar arrays and transfer the electrical power generated by the PV
cells along with the data generated by the panel-mounted sensors. These requirements are usually verified
by demonstration because these are basic functionalities of the system and do not require special equipment
to test; these requirements cannot be verified by analysis or inspection as they need an integrated working
system.
Among the various sizes of CubeSats available, AAC Hyperion required the SADM to be designed specifically
for a 12U CubeSat as that was the structure part of their product portfolio. It was later required to be desirable
to have the product scalable to multiple sizes. Therefore, the current project will be aimed at designing the
SADM specifically for a 12U CubeSat but the scalability to other sizes would be a secondary priority or rather
a design consideration rather than a stringent requirement. This explains the functional and performance
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3. System requirements & constraints

requirements framed to be specific for a 12U CubeSat. The solar panel size has been fixed to 326 × 210mm
which is lower than the dimensions of a 12U CubeSat’s face (340×226 mm as shown in Figure A.2). This is be-
cause, part of the solar panel’s area will be used for hinges, wire routes and sensors. This reduced dimensions
of the solar panel was referred from similar products [19].

Identifier Requirement Rationale
Verification

T A D I

SADM-FUN-001

The system shall be able
to rotate an array consist-
ing of 3 rigid solar pan-
els of 12 U size (326*210
mm) each along one axis
throughout 360 degrees in
space & ground.

The system should be able
to orient the solar pan-
els normal to the Sun rays
for maximum power gen-
eration and the satellite is
constantly changing posi-
tion throughout the orbit.

. . X .

SADM-FUN-002

The system shall deploy
and stabilize the solar
arrays after release from
stowed position.

This is because the so-
lar panels should be rigid
once deployed so that it
doesn’t impart unneces-
sary disturbance torque to
the satellite.

. . X .

SADM-FUN-003

The system shall allow the
transfer of electrical power
generated from three 12 U
sized (326*210 mm) solar
panels to the CubeSat bus.

Because the solar panels
are rotating with respect
to the satellite and due to
this relative motion, the
power generated by the
panels should be trans-
ferred through the SADM.
The maximum power gen-
erated should be consid-
ered because this is the
worst case scenario.

. . X .

SADM-FUN-004

The system shall allow the
transfer of data generated
by the panel-mounted
sensors to the CubeSat
mounted systems.

Because the systems on-
board of the satellite would
use the data generated by
these sensors for various
purposes.

. . X .

SADM-FUN-005

The system shall commu-
nicate the deployment sta-
tus of the solar panels to
the satellite OBC

Deployment status
telemetry is mandatory
for space mechanisms ac-
cording to Section 4.7.5.4.2
of ECSS-E-ST-33-01C Rev.1
[179]

. . X .

Table 3.1: Functional Requirements

Performance requirements
Performance requirements are performance specifications that the SADM system should meet, they state
how well the system must perform the functions. This kind of requirement usually specify a value that the
system can be tested against to be verified, which is why they are usually verified by testing.
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Identifier Requirement Rationale
Verification

T A D I

SADM-PER-001

The system shall point the
solar panels with an accu-
racy of atleast ±8 degree (3
σ 99.7% confidence) with
respect to the solar incident
angle (or beta angle).

The power produced by the
panels is a function of co-
sine of the angle between
the sun and the normal of
the solar panel, the power
drops by 1% with an 8
degree deviation of panel
from the Sun.

X . . .

SADM-PER-002

The system shall give the
position of the solar pan-
els at any point during op-
eration with an accuracy of
TBD degrees.

The solar panel position
knowledge is necessary
in situations where the
system undergoes a reboot
and the relative position
of the Sun with respect
to satellite has changed.
The accuracy can be de-
termined with reference
to a pointing error budget
for this application which
could not be carried out.

. . X .

SADM-PER-003
The system shall have an
in-orbit duty of at least
29200 cycles in LEO.

29200 = 16 orbits per day @
160 km LEO x 365 days x
5 years. Refer SADM-ENV-
001 for mission life.

X . . .

SADM-PER-004
The system shall have
29200 on-ground working
cycles.

The system is usually life
tested on ground and
mostly not in a vacuum
chamber.

. . X .

Table 3.2: Performance Requirements

Interface requirements
Interface requirements define how the system should interact with the external environment or how the sub-
system interacts with other components within the system. It defines how the system should exchange en-
ergy, mass, etc. It can be further spilt into mechanical interface, electrical interface, data, interfaces, etc.

Identifier Requirement Rationale
Verification

T A D I

SADM-INT-001

The system shall be com-
patible to fit on the exter-
nal surface of a CubeSat of
standard size 12 U.

Set partly by AAC Hyperion
& author.

. . . X

SADM-INT-002

The system shall be stowed
in the defined volume
envelope specified for a
standard 12U CubeSat
deployer.

Because the system should
be fit into a standard
deployer in order to be
launched.

. . . X

SADM-INT-003

The system shall provide
mechanical connection in-
terface between solar pan-
els and satellite.

The system has to be
mounted to the CubeSat
structure to be mechani-
cally stable & constrained.

. . X .
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SADM-INT-004

The system shall provide
electrical connection inter-
face between solar panels
and satellite power bus.

Needed to transfer the
power to the EPS.

. . X .

SADM-INT-005

The system shall provide
data interface between
panel-mounted sensors
and satellite data bus.

Only then the data can be
transferred.

. . X .

Table 3.3: Interface Requirements

Environmental requirements
This system is supposed to be operational in ground and space environments along with surviving launch
vehicle imposed loads. These are the environment-imposed requirements on the system, and the system is
designed to operate or survive these conditions. Therefore, these requirements apply to all the components
of the system. Some of these requirements are stated in the Table (3.4) below. Most of these requirements
require a test bed to simulate the environmental factors and measuring equipment to measure the system’s
response in order to be verified, therefore they are verified by testing. Ariane-5 rocket was chosen to gain
representative launch loads. There are multiple other launchers such as the PSLV, Falcon, Atlas, etc. It was
not necessary to find the launcher imposing maximum launch loads because the maximum random vibration
load was specified by NASA-GEVS-7000A [108] which is the maximum launch load that would act on the
CubeSat. Other launch forces are stated to gain an overview of the launch environment.

Identifier Requirement Rationale
Verification

T A D I

SADM-ENV-001
The system shall be de-
signed for 5 years in Low
Earth orbit.

Standard CubeSat hard-
ware design life as observed
with other commercially
available sub-systems.

X . . .

SADM-ENV-002
The system shall have an
operating temperature be-
tween -40 C to 80 C.

Referred from similar sys-
tems. [30] [46]

X . . .

SADM-ENV-003
The system shall survive
temperatures between -65
C to + 125 C.

Referred from NASA GEVS
[108] & NASA Environmen-
tal conditions for space
flight hardware survey.
[165]

X . . .

SADM-ENV-004
The system shall withstand
a lateral acceleration of 0.6
g.

Referred from Ariane
launcher manual.[14] Re-
quirement will be verified
by test because it needs
vibration test equipment.

X . . .

SADM-ENV-005
The system shall withstand
a longitudinal acceleration
of 10 g.

Referred from Ariane
launcher manual.[14]

X . . .

SADM-ENV-006
The system shall withstand
a maximum dynamic load
factor of ±3.2g

Referred from NASA
GEVS.[108]

X . . .

SADM-ENV-007
The system shall withstand
random vibration loads of
14.1 GRMS .

Referred from NASA GEVS.
A.1 [108]

X . . .

SADM-ENV-008
The system shall withstand
a sine load of±3.2g

Referred from NASA
GEVS.[108]

X . . .
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SADM-ENV-009

The system shall withstand
shock loads in the range of
100 Hz & 10g to 10000Hz
&132g.

Referred from NASA
GEVS.[108]

X . . .

SADM-ENV-010
The system shall withstand
a maximum depressuriza-
tion rate of 4.5 kPa/s.

Referred from Ariane
launcher manual.[14]

X . . .

SADM-ENV-011
The system shall function
in vacuum as well as atmo-
spheric conditions.

Referred from NASA
GEVS.[108] Shall be veri-
fied by functional test in
Thermal Vacuum Cham-
ber (TVAC).

X . . .

Table 3.4: Environmental Requirements

Reliability, Availability, Maintainability & Safety requirements
These requirements are set to improve the reliability of the system by specifying margins and setting restric-
tions. These requirements can be verified by inspection of design documentation where it can be verified if
the margins and restrictions have been considered while designing.

Identifier Requirement Rationale
Verification

T A D I

SADM-RAMS-
001

The system shall be de-
signed with a load safety
factor of 1.25 for qualifica-
tion and acceptance.

Defined according to limit
mentioned in Table 4-3 of
ECSS-E-ST-32-10C Rev.1.
[178]

. . . X

SADM-RAMS-
002

The system should not use
volatile fluids.

Necessary steps would be
taken to avoid volatile flu-
ids, but in some cases, it
is unavoidable, like sealed
bearings.

. . . X

SADM-RAMS-
003

The materials used in the
system shall adhere to low
out-gassing criterion such
that they have a Total Mass
Loss < 1 % and Collected
Volatile Condensable Mate-
rial (CVCM) < 0.1 %. [191]

Out-gassing compounds
must be avoided so as to
prevent volatile substances
to deposit on other materi-
als and cause malfunction.

. . . X

Table 3.5: Reliability, Availability, Maintainability and Safety Requirements

Design requirements
Design requirements apply to the system design, these are usually set by the stakeholders. These require-
ments are verified by inspection because the design is usually verified by review of design or by review of
documentation.

Identifier Requirement Rationale
Verification

T A D I

SADM-DES-001
The system shall use COTS
components as & whenever
possible.

To improve ease of pro-
curement and reduce cost
of production.

. . . X

SADM-DES-002
The design of the system
should be scalable to be us-
able in 3-12 U CubeSats.

AAC Hyperion’s require-
ment to maximise applica-
tion range or scalability.

. . . X
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SADM-DES-003

The design of the system
should be such that it can
be applied for more than a
panel mounting configura-
tion.

Author’s suggestion to im-
prove modularity of prod-
uct.

. . . X

SADM-DES-004
The system shall not extend
beyond one plane.

AAC Hyperion’s require-
ment.

. . . X

Table 3.6: Design requirements

3.2. Design constraints
Considering the requirements SADM-INT-001, SADM-INT-002 & SADM-DES-002; the dimensional limits
within which this system should fit can be obtained. Setting the dimensional limits would be one of the
first steps, as it sets the limits for all the other components within the system.
The first interface requirement states that the system should be compatible to fit on the external surface of a
12U CubeSat. The dimensions of a typical 12U CubeSat are shown in Figure (3.1) below; for a detailed data
sheet that contains the detailed dimensions of the CubeSat and the deployer imposed volume limits, refer to
A.2. Looking at the dimensions of the 12U CubeSat structure (Top and side view given on left side of figure),
it is evident that the SADM can be fit in the volume on the top face of the CubeSat after excluding the space
occupied by the rails on all four corners. This would result in a volume limit of 209.3 x 209.3 x 7 mm on the
top face.

Figure 3.1: 12U CubeSat dimensions & deployer imposed volume limits [32]

The second interface requirement SADM-INT-002 states that the SADM shall fit within the volume limits
of the deployer, whose limits are mentioned in the two pictures on the right side of Figure (3.1). It can be
inferred that the deployer allows up to 18.5 mm height on the side faces of the CubeSat and up to 25.4 mm
height clearance on the top face of the CubeSat, as depicted on the top and bottom pictures on the right side
of Figure (3.1) respectively. It is important to note that the 25.4 mm clearance on the top surface is only pos-

24



3.2. Design constraints

sible with the XL version of the deployer (refer Figure 3.1). It would remain 7 mm for a normal deployer. The
height clearances on the side would also have to include the solar panels. For the SADM to not be in direct
contact with the deployer, the SADM must have a clearance height lower than the allowable dimensions. The
direct contact between the SADM and the deployer has to be avoided to prevent the direct transfer of launch
loads to the SADM. By providing a clearance, the rails would take up most of the launch loads without trans-
ferring it to the SADM. A clearance of 0.1 mm is enough to prevent contact between the two surfaces. This
is an assumption made at this initial stage of the design based on comparison with systems of similar design
and mounting [31]. The ISIS deployable antenna is also mounted on the external surface of a 3U CubeSat
and has dimensions of 98×98×7 mm. Moreover, multiple manufacturers state that CNC machine tolerance
ranges from 0.127 to 0.0254 mm, which is close to the assumed clearance value. As the material used for the
housing is selected, the clearance value can be revisited for other considerations such as thermal expansion.
Hence a height of 6.9 mm would suffice for now. Thus the volume limits are now: 209.3 x 209.3 x 6.9 mm.
The third requirement on the dimensional limits, as stated by the design requirement SADM-DES-002 says
that the system should fit on 3U - 16 U satellites. Even though this is very broad and dimensionally restrictive
at the same time, an estimate of the volume required to satisfy this requirement shall be made for now and
shall be attempted to achieve, if not successful, the previous dimensional envelope (209.3 x 209.3 x 6.9 mm)
considering the two interface requirements shall be utilized. The volume limit shall be obtained by consider-
ing the dimensions of the 3U CubeSat as it is the smallest of the satellites mentioned in the requirement. The
dimensions available on the top face of a 3U CubeSat, excluding the rails as referred from Figure (A.3) are 83 x
83 x 7 mm. Again, considering the clearance of 0.1 mm between the deployer and the SADM a design dimen-
sional envelope of 83 x 83 x 6.9 mm is obtained. The system shall be aimed to fit within this dimensional
limit.
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4
Preliminary design calculations

The requirements & constraints of the SADM were set in the previous chapter. In order to start designing and
selecting components for the SADM, these requirements must be converted to values and specifications that
the SADM sub-system and its elements must satisfy. Until now, the report has only detailed the basic func-
tionality of the SADM. As the SADM is to be designed for a wide range of missions, its working in different
conditions and environments must be understood in order to start designing the SADM. Which is why in
this chapter, firstly the common mission scenarios that occur for satellites in Low Earth Orbit (LEO) would
be explored in section 4.1 to understand the SADM’s functioning in different scenarios that it may face dur-
ing operation. This will be followed by a section 4.2 on basic operating modes design for the SADM. The
purpose of these sections is to understand the operation modes of the SADM to find worst case operation
scenarios. As it was defined earlier that the SADM’s main function is to rotate the solar arrays and transfer the
power generated by the solar cells, this would mean that the rotary actuator and the power & data transfer
mechanism would be the most crucial elements for designing the SADM. The maximum mechanical power
required to rotate the solar array and the maximum electrical power generated by the solar array have to be
calculated so that the rotary actuator and the power transfer mechanism can be selected and sized based on
these specifications later. Therefore, sub-sections 4.3.1 & 4.3.2 will be focused on calculating the mechan-
ical and electrical power respectively. The other crucial requirement applying to the SADM apart from the
two functions is the fact that it has to withstand the environmental conditions defined in Table 3.4 through-
out its operational lifetime. The most detrimental environment for the survival of the SADM is the launch
environment. The SADM must survive the worst-case launch load that can act on it in order to be opera-
tional. Sub-section 4.3.3 is aimed at finding the worst case launch load and translates this to the SADM to
calculate the worst case launch force that the SADM’s structural elements must be designed to sustain. The
chapter culminates in section 4.4 with a brief summary of the results obtained from these preliminary design
calculations.

4.1. Common mission scenarios
Common mission scenarios of CubeSats in LEO can be classified based on various categories like mission
operational phases (launch, deployment, detumble, deploy appendages, mission operations, decommission
& disposal), payload functional phase, pointing modes & energy generation phases. But for designing the
SADM, the most appropriate design case is the mission scenarios based on energy generation and pointing
modes because they will determine various design parameters for the SADM like the rotational speed and
the angle by which the panel has to be rotated which would be calculated in a later section. These mission
scenarios will be explored in this section along with their relevance to the current application.

4.1.1. Scenarios based on energy generation
Most of the satellites in LEO experience a period of sunlight and eclipse when rotating around the Sun be-
cause of the shadow cast by the Earth. The sunlight and eclipse region are shown in the Figure (4.1) below.
The solar panels can generate electrical energy only in the sunlit region and cannot generate any electrical
energy in the eclipse region. This means that the SADM has to track the Sun when orbiting in the sunlight
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region, which is one of it’s main functional requirement SADM-FUN-001 & SADM-PER-001. Based on energy
generation there are 2 main mission scenarios:

• Sunlight phase - Energy generation by solar cells

• Eclipse phase - No energy generation

Figure 4.1: Satellite in sunlight and eclipse

4.1.2. Scenarios based on attitude pointing modes
Satellites in LEO have different attitude pointing modes in order to point the payload at different directions
based on mission requirements. The most common attitude pointing modes [176] include but are not limited
to :

• De-tumbling mode: Used to dampen the rotational moment of the satellite. Usually used when the
satellite is just released from the deployer and is tumbling. The solar panels would not have been de-
ployed at this stage, thus this mode is not applicable for this application’s design.

• Sun pointing mode: Satellites that have fixed deployable solar panels would require the satellite to
be oriented towards the Sun for charging the battery. This can be done in 2 ways, orient the satellite
towards the Sun while keeping the attitude inertial fixed or by rotating the satellite about the viewing
axis or yaw axis while maintaining pointing towards the Sun. By utilizing a SADM that allows relative
positioning of the solar panels with respect to the CubeSat, this mode would not be required.

• Inertial pointing mode: This is a pointing mode where the satellite is pointed towards a star or another
heavenly body like the Moon while maintaining a zero rotational rate of the satellite with respect to the
pitch axis.

• Nadir pointing mode: Also called as Earth pointing mode. The satellite is continually pointed toward
the nadir or center of the Earth which is optimal for Earth observation missions. In this mode, the solar
panels would continually track the Sun with the same velocity as the orbital velocity of the satellite.

• Target tracking mode: Target tracking mode is the mode where the satellite is rotated about the pitch
axis to continually track a point on the ground. This would mean that for a particular phase of the orbit,
the satellite would rotate faster than the nominal orbital speed in order to track the point on ground.

• Maneuvers: This mode is required for changing the satellite’s pointing attitude from one orientation to
a different one. This mode would require the solar panels to be re-oriented by the same angle as the
manoeuvre in addition to the angle subtended by the satellite over the period of manoeuvre.
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(a) a

(b) b

(c) c

Figure 4.2: Common pointing modes a) Nadir pointing b) Target tracking c) Inertial pointing with Sun tracking phase

4.2. System Architecture & Operating modes
The SADM is designed for application in LEO as stated in SADM-ENV-001. There are many scenarios and
pointing modes that are possible in LEO as discussed in the previous section. It would be desirable to de-
sign the SADM to be applicable to all mission scenarios that are possible in LEO. This design requirement is
advantageous from a commercial point of view but, each mission would require a specific operational cycle
or profile from the SADM that is suited to the mission profile. This requirement of broad applicability would
make it hard to design the SADM at this initial stage. Thus, the approach followed in this project would be to
design the SADM with operating modes that would cater to operation of common phases of most missions
but would also be designed for a worst case scenario (in terms of Revolutions Per Minute (RPM)) so that it
can be inclusive to be applicable over a broad range of applications. This section will describe the basic op-
erational flow of the SADM.
The basic operational modes of the SADM are graphically presented in Figure 4.3. Initially, the solar arrays
are stowed during launch and are deployed once in orbit. The springs in the hinge would slowly unfurl the
solar panels in the array until they are stabilised, this is the deployment phase. The SADM would not have to
perform any functions during this phase. As soon as the deployment phase is completed, the SADM enters
idle mode. In this mode, the system is powered, sensors data acquisition is active and the power generated
by the panels are transferred but the motor is not functional; therefore, the panels are not rotated. After the
idle mode, the SADM enters the test mode. As the name suggests, this mode is designed to make the SADM
perform basic functions such as moving clockwise for a defined number of steps and anti-clockwise for a
defined number of steps. The position sensor and actuator status data are used to monitor the functional
status of the SADM. The actuator’s status can be monitored by measuring the current and voltage flowing
to drive the actuator or the temperature can be monitored to detect overheating. The position sensor would
measure the position of the solar panels, which would be compared with the actuator’s functional status. If
there is an apparent difference between the two then that would indicate a malfunction or error in the SADM.
The number of steps in test mode shall be predefined with reference to the home position so that the result
is an expected value and the SADM’s functional status can be decided by comparing the actual value with
the expected value. This mode will help find if the SADM has arrived dead or detect a failure at any point of
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operation of the SADM. If no abnormalities were detected, the SADM then moves to the Sun detection mode,
where the SADM detects the relative position of the Sun with respect to the satellite so that it can point the
solar panels accordingly. This can be done in multiple ways. The relative position can be calculated based
on the attitude knowledge of the satellite and the Sun that can be retrieved from the ADCS and its elements
(Sun-sensor, horizon sensor, etc.). The relative position can also be found independent of the ADCS by ro-
tating the solar arrays through the entire 360 degrees, and the position corresponding to maximum power
generation could be found using the Maximum Power Point Tracker (MPPT). After the approximate position
of the Sun is known, the SADM then enters the Sun tracking mode, where it rotates the solar array to be nor-
mal to the incident sunlight. The Sun’s position relative to the satellite changes with its position in orbit. The
solar arrays can be rotated to continuously track the Sun or intermittently. The SADM under consideration
shall also be designed to have two tracking modes - Continuous & Sporadic Sun tracking modes. The SADM
shall enter either of these modes based on the customer’s choice. The Sporadic Sun tracking mode has a
constant angle or fixed rotation rate mode. In the constant angle mode, the solar panel is rotated at a fixed
angle for every period of a set time interval. In the fixed rotation rate mode, a fixed angular rotation rate is
maintained throughout the orbit. For example, this can be calculated to match the satellite’s orbital speed.
The SADM returns to the idle mode if any fault is detected or if any abnormality in operation is detected by
the SADM’s MCU. The failure scenarios must be defined while implementing the software, which is out of
this project’s scope. Common error detection and recovery methods in such embedded systems are Inter-
rupts and Watchdog timers. Watchdog timers are electronic hardware that restarts the system if the system
has not communicated within a specified time period. Interrupts are hardware-triggered events that lead to
a software routine once activated. If a fault has been detected, the system reboots or executes a fault recovery
method appropriate for the fault scenario. If the fault has not been resolved after multiple reboots, other fault
recovery methods can be used, such as switching to a redundant MCU or just maintaining the solar panels at
a fixed position that is optimal for power generation throughout the orbit. If no fault is detected after reboot,
the system returns to test mode and repeats the rest of the flow process.

Figure 4.3: Basic operating modes of the SADM
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A brief description of these modes have been stated below:

• Deployment phase
Occurs after detumbling and attitude stabilization. The solar panels are released from stowed position
and move from 0 to 90 degrees. The restoration force is provided by the spring in the hinge. Deployment
is initiated by the HDRM release. It happens only one time in orbit, because the panel has to be reset
back to its initial position manually.

• Idle mode
In this mode, the system is powered but the motor is not functional. So the panels are not rotating. This
is the default mode right after deployment, fault detection and reset mode. Sensors are not active in
this mode.

• Sun detection mode
The SADM enters this mode after reboot and after the idle mode. This mode is functional during the
orbit in the sunlit phase. The relative position of the Sun with respect to the solar arrays is determined
in this mode. This can be determined by rotating the solar arrays through its rotation range or by using
the attitude knowledge provided by the ADCS. The SADM enters this mode after reboot because the
satellite would have moved by some distance while restarting the SADM and it would be beneficial to
know the changed position and position the solar panels accordingly.

• Continuous Sun tracking mode
In this mode, the SADM continuously rotates the solar arrays to position it normal to the Sun. This

mode is preferable for nominal operation and maximum power generation.

• Sporadic Sun tracking mode
In this mode, the SADM positions the solar arrays intermittently. The tracking and power generation
would not be as efficient as the continuous Sun tracking mode. This mode is designed so that if some
unexpected malfunction happens with the software or sensors, the system would still have basic func-
tionality. This mode has two sub-operative mode options:

• Reboot
In this mode, the power to the SADM is switched on and off. This is sort of a fault recovery method that
prevents the SADM from failing catastrophically and allows safe failing. After reboot, the SADM goes
back to the test mode and Sun detection mode. The number of reboots are kept account of so that the
SADM does not go into an endless loop of reboots. After a particular number of continuous reboots,
if the SADM does not return to normal functioning, alternate measures are taken to keep the SADM
operational. These alternate measures include but are not limited to using a redundant MCU. If this
second level of safety measure of switching MCU also fails, the SADM will maintain the solar array at
an optimal fixed position throughout the orbit.

• Fault detection & diagnosis mode
The MCU enters this mode when an error is detected. The error or failure scenario is logged by the MCU
and sent to the satellite OBC for keeping and account. The MCU then detects and classifies the fault
based on previously defined scenarios. The MCU then performs the fault response method specific to
the fault scenario identified.

4.3. Design calculations
The requirements for designing the system and the operational environments have been defined in previous
sections. In this section, the system design requirements and the environment-imposed design conditions
will be translated into numerical specifications of the system. These specifications would serve as the step-
ping stone to sizing, selecting components and driving design choices in the detailed design phase. These
numerical specifications mainly include the mechanical power required for rotating the solar panels, launch
forces that the system will experience, and the electrical power it has to transfer. In order to answer research
question 2a, the mechanical power that the actuator must provide should be known. For answering research
question 2b, the maximum electrical power characteristics (current & voltage) must be known. Research
questions 2d and 3a can be answered only if the launch loads are known. This section will therefore be split
into three sub-sections - 4.3.1, 4.3.2, & 4.3.3 that calculate the mechanical power, electrical power and launch
loads respectively.
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4.3.1. Mechanical power calculations
One of the main functions of the SADM, as stated in SADM-FUN-001, is that the system shall rotate a solar
array consisting of three solar 12-U size solar panels. A certain magnitude of mechanical power would be
required to rotate the solar panels, this power would have to be provided by the rotary actuator. The mechan-
ical power is essential to size and select the rotary actuator technology. This is why the mechanical power is
calculated initially to provide boundary conditions for the actuator selection & sizing. Mechanical power is
composed of two factors - torque & speed, as shown in the formula below.

Pmech = τω (4.1)

Therefore, the rotational speed and the torque required for this application during various mission scenarios
will be calculated in the subsequent sub-sections, and the worst case among them in terms of the power
required (maximum power demanding case) will be used for selecting and sizing the rotary actuator in later
sections.

Rotational speed calculation
To calculate the rotational speed required, 3 different mission scenarios were considered among the various
mission scenarios explored in section (4.1):

• Speed in continuous Sun-tracking phase: This operational mode (4.2) is considered because the SADM
has to continually track the Sun in this phase.

• Speed in eclipse phase: The solar panels could be rotated to a desirable position during the eclipse
period. This desirable position would be an angle where maximum power is produced by the satellite
just at the beginning of the sunlight phase.

• Speed in ground tracking: Among the various attitude pointing modes explored in subsection (4.1.2),
it was found that the maximum relative rotational speed between the solar panels and the Sun vector
occurs during the ground tracking mode, where the satellite had to be continuously pointed towards
the ground station over a part of the orbit where the satellite was in line of sight of the ground station.

An orbital altitude of 200 km will be considered for calculations because the SADM is designed to be oper-
ational in LEO (160-1000 km) as stated in SADM-ENV-001 and the lowest altitude is selected for calculations
because the number of revolutions per orbit would be higher which would mean the orbital speed would also
be higher compared to higher altitude orbits. As stated earlier, it is favourable to design the system for the
worst case scenario. The altitude of 200 km is considered rather than 160 km because the atmosphere is much
denser at 160 km, and not many CubeSats are launched into that altitude as they would de-orbit quickly due
to drag.
The time period of a 160km altitude orbit:

T = 2π

√
(RE +Rsat )3

µ
(4.2)

T = 2π

√
(200+6371)3

6.987×1014 =⇒ 5300 second s (4.3)

At 160km orbit altitude, the orbital speed of the satellite would be 5252.4 seconds which is not far off from the
calculated value for 200km altitude.

Angular rotation rate in sunlight

Time spent in sunlight is calculated using the formula below:

Tsun = π+2α

2π
×T (4.4)

α= cos−1(
RE

Rsat
) (4.5)
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α= cos−1(
6371

200
) = 0.9

Tsun = π+2α

2π
×T (4.6)

Tsun = π+2(0.9)

2π
×5300 = 3068 second s

The total angle of orbit spent in sunlight:

θsun = π+2α

2π
(4.7)

θsun = π+2×0.9

2π
= 283 deg r ees

The angular rotation rate of solar panels in the sunlight phase:

ωsun = 283

3068
= 0.09

deg

s
= 1.6×10−3 r ad

s
= 5.4

deg

mi n
(4.8)

Angular rotation rate in eclipse
Time spent in eclipse is calculated using the formula below:

Tecl =
π−2α

2π
×T (4.9)

α= cos−1(
RE

Rsat
) (4.10)

α= cos−1(
6371

200
) = 0.9

Tecl =
π−2α

2π
×T (4.11)

Tecl =
π−2(0.9)

2π
×5300 = 1131 second s

The total angle of orbit spent in eclipse:

θecl =
π−2α

2π
(4.12)

θecl =
π−2×0.9

2π
×360 = 77 deg r ees

The angular rotation rate of solar panels in the eclipse phase:

ωecl =
180

1131
= 0.159

deg

s
= 2.77×10−3 r ad

s
= 9.54

deg

mi n
(4.13)

Angular rotation rate in target tracking:

The maximum angular rotation rate required was found to be occurring during the target pointing mode, As
shown in Figure (4.4), the solar panels had to be rotated by 180 degrees through the time of traversal over the
arc indicated in red. And the solar panel’s velocity profile (speed versus time graph) during this period would
be a sinusoidal curve with the peak angular speed occurring right over the ground station.
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Figure 4.4: Angular rotation rate of target tracking satellite

For a unit second where the satellite is just over the ground station, the angular rotational speed is ex-
pressed as change in the angle over the time interval expressed as shown below:

ωt t = dθ

d t
(4.14)

The momentary angle subtended between the satellite positions after one second and the satellite posi-
tion when over the ground station is expressed as:

θ = tan−1 ds

Rsat
(4.15)

The distance traversed by the satellite in unit second is found by:

ds =Vc × ts =
√

µe

(Rsat +RE )
×1 (4.16)

For a satellite altitude (Ra) of 200 km:

ds =
√

3.986×1014

((200+6371)×103)
×1 = 7.788km (4.17)

θ = tan−1 7.788

200
= 2.23deg r ees (4.18)

ωt t = dθ

d t
= 2.23

1
= 2.23deg r ees/sec (4.19)

The units will be converted to rad/s so that they can be used in calculations of the later sections.

ωt t = 0.0389 r ad/s ∼ 0.04r ad/s (4.20)
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The maximum angular rotational speed of the satellite in target tracking mode is:

ωmax= 0.04rad/s (4.21)

The angular rotational speeds for the different mission scenarios calculated in this sub-section have been
summarised in the table (4.1) below.

Phase Angular rotational speed (rad/s) Angular rotational speed (RPM)
Sunlight 1.6×10−3 1.52×10−2

Eclipse 2.77×10−3 2.6×10−2

Target tracking 0.04 0.381

Table 4.1: Summary of angular rotational speed calculations

Torque calculation
The next step in calculating the mechanical power is calculating the torque required to rotate the solar panels.
Torque is also composed of 2 factors which are the inertia of the panels and the angular acceleration rate of
the panels, as shown in the equation below:

τ= Isaαsa (4.22)

The above equation represents the primary effect of the torque that the actuator has to provide. The actu-
ator also has to provide enough torque to overcome secondary effects like the inertia of connected parts like
shaft and gears, friction between moving parts, etc. The complete equation to estimate the minimum torque
required to be provided by the actuator is given by European Cooperation For Space Standardization (ECSS)
Mechanisms design guideline [179] as:

τmi n = 2(1.1τI +1.2τS +1.5Hm +3FR +3HY +3HA +3HD )+1.25τD +τL | (4.23)

Inspecting the above equation, various safety factors can be eliminated for the current application. Ad-
hesion torque (HD ), Hysteresis torque (HY ), Harness torque (HA) & Spring torque (τS ) are not pertinent to
the current design and are usually very low in magnitude compared to friction resistive torque. Therefore
they can be eliminated. The motor magnetic losses (Hm) are also usually negligible compared to the torque
provided by the motor. The system would not be operational when the satellite is accelerating, so the Inertial
resistance torque can also be eliminated from the equation. This leaves a simplified equation (4.24) pertinent
for this application as shown below:

τmi n = 2(3FR )+1.25τD +τL (4.24)

The worst-case friction torque (FR ) is contributed by the friction from the bearings, gearbox, motor bearings,
etc. These are not known at the beginning of the design. Therefore, the above equation shall be used in later
sections to verify the feasibility of the design. To calculate the torque to be provided by the actuator consider-
ing the primary effects as shown in equation (4.22), the inertia of the solar panels will be calculated, followed
by the angular acceleration.

Solar array inertia calculations
The mass and dimensions of the solar array are necessary to calculate the inertia of the solar array. A typical
solar panel consists of components like - a substrate material (like FR-4, Honeycomb or Aluminum), substrate
insulation layers in the front & back (usually Kapton, Kevlar or Fiber-glass), Photo-Voltaic (PV) cells, cover
glass, wires, inter-connectors, sensors like (temperature sensors, sun-sensor, magnetometer), hinges, cutouts
for hold down points & adhesive. The axes notation, panel, array, length and breadth of a typical 12U solar
array are shown in Figure (4.5) and the cut-section of a typical solar panel is shown in Figure (4.6).
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Figure 4.5: A typical 12U solar array & its axes

Figure 4.6: Cut-section of a typical solar panel [68]

A few assumptions have been made to calculate the inertia of the solar array:

• The entire solar array is assumed to be a continuous, rigid & flat rectangular plate.

• The thickness of the cover glass and solar cell are assumed to be negligible compared to the thickness
of the substrate.

• The mass of the cover-glass, substrate insulation, inter-connectors & adhesives are considered negli-
gible compared to the mass of the solar cells and the substrate because of their thickness being in the
order of micro-meters. (Thickness values referred from Table 1 of [117]).

• The mass of the inter-connectors, wires, sensors & hinges are highly variable & design dependent, and
there is no credible way to predict them at this stage. Thus they will be considered under the safety
factor of the mass calculations.

Based on the above assumptions, the inertia of the solar arrays along the x and y axis are as given below:

Ixx =
Mar r ay

(
w2

panel + th2
panel

)
12

(4.25)

Iy y =
Mar r ay (l 2

ar r ay + th2
panel )

12
(4.26)
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The mass of the solar array is dependent on the number of panels and mass of each solar panel, as shown in
the equation (4.27) below. The total number of panels were already defined to be three according to SADM-
FUN-001.

Mar r ay = Npanel s ×Mpanel (4.27)

The mass of one solar panel further is dependent on the mass of the Photo-Voltaic cells and other con-
stituents, as shown in the equation below:

Mpanel = MPV cel lpanel
+Msubpanel

+Mi nspanel +Mcovpanel (4.28)

The mass of the PV cells per panel is further dependent on the number of PV cells per panel, which is shown
in the equation below:

MPV cel lpanel
= Ncel lpanel

×Mcel l (4.29)

The number of Photo-Voltaic cells that can be fit in a panel of fixed size is highly dependent on the layout
of the cells. In most cases, the number of PV cells in a panel is packed to fit in as many cells as possible so that
maximum solar energy can be generated per unit area of the panel. The mathematical model for optimised
PV cell configuration layout is detailed in the subsequent sub-section.

Mathematical modelling & selection of optimal PV cell layout
A mathematical model was developed to find the maximum number of PV cells that could fit on a standard
12 U size panel (340 x 190 mm) [19, 24]. This was done by arranging the PV cells in 2 configurations:

• The length of the PV cell aligned to the length of the solar panel as shown in Figure (4.7a).

• The breadth of the PV cell aligned to the length of the solar panel as shown in Figure (4.7b).

(a) PV cells aligned along length (b) PV cells aligned along breadth

Figure 4.7: PV cells alignment configurations

The gap between the PV cells was also calculated to ensure a sufficient positive margin was present. The total
number of cells that could fit on a panel in each case was found, and the configuration where the maximum
number of cells could fit was chosen to calculate the mass and other electrical parameters in later sections.
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Figure 4.8: PV cell layout

The total number of PV cells in a panel include the sum of cells in each row and the cells in the gap, this is
shown in the equation below:

Ncel lpanel
= (Ncel llen−wi se

×Ncel lwi d−wi se
)+ (Ncel l−r ow swi d−wi se−g ap

×Ncel lwi d−wi se−g ap
) (4.30)

Each of the above terms is further related to other geometrical parameters of the panel and the PV cell, as
shown in the equations below. The 2 equations (4.31 & 4.32) below calculate the number of PV cells that can
be fit along the length & width of the panel.

Ncel ll en−wi se
= wcel l

lpanel
(4.31)

Ncel lwi d−wi se
= lcel l

wpanel
(4.32)

The equations (4.33 & 4.34) below gives the number of PV cell rows that can be fit in the gap that exists
along the width direction of the panel after the previously calculated PV cells are arranged in the panel.

Ncel l−r ow swi d−wi se−g ap
= wpanel − (Ncel lwi d−wi se

∗ lcel l )

wcel l
(4.33)

Ncel lwi d−wi se−g ap
= lpanel

lcel l
(4.34)

In order to carry out the above calculations, some of the most commonly used commercially available PV cells
for satellites were considered - Spectrolab XTE-SF[50], Spectrolab - XTJ[51], Azurspace 4G32C[16], Azurspace
3G30C [15] & CESI CTJ 30[17]. The number of PV cells that could fit within a panel in each of the 2 con-
figurations using the above 5 commercially available PV cells are summarised in Table (4.2). As found by
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calculations and as shown in Table (4.2), the maximum number of cells that can be fit within a panel was
achieved when the width of the PV cell was aligned with the length of the panel, as shown in Figure (4.7a).

Spectrolab
XTE-SF [50]

Spectrolab
− XTJ[51]

Azurspace
4G −32C [16]

Azurspace
3G −30C [15]

CESI CTJ
30[17]

PV cell
dimensions (mm)

6.91×3.97 6.91×3.97 8×4 6.9×3.9 8×4

Efficiency (%) 32.2 29.5 31.8 29.8 29
PV cells per

panel if cell’s
width aligned with

panel’s length

20 20 16 20 16

PV cells per
panel if cell’s

length aligned with
panel’s length

16 16 16 16 16

Table 4.2: Number of PV cells that can fit in a panel

Now, as the maximum number of cells that can be fit within a solar panel has been calculated, the mass
of one solar panel can be found. As stated earlier and as shown in Figure (4.6). A typical solar panel com-
prises a substrate, PV cells, cover-glass and adhesive. Therefore, the total solar panel mass would include the
mass of all these components as expressed in equation (4.28). Each of these individual mass contributors
would further be split, and relations with their geometrical parameters would be expressed in the upcoming
equations.

Mpanel = MPV cel lpanel
+Msubpanel

+Mi nspanel +Mcovpanel

The substrate is the biggest contributor to the solar panel’s total mass. Three possible commonly used sub-
strate materials (Aluminium, FR-4 and Honeycomb composite structure). Aluminium with a thickness of 1.6
mm would be chosen for calculations in this application. This is because Aluminium (2710 kg m3) has the
highest density compared to FR-4 (1850 kg m3) and honeycomb composite structure (1540 kg m3), by using
the densest material, an estimate of the maximum mass of the panels can be made. The thickness value
has been referred from AAC Hyperion’s solar panel and other competitors. The mass of the substrate can be
calculated by multiplying the volume of the substrate by its density, as shown in equation (4.35) below:

Msubpanel
= lpanel ×wpanel × thsub ×ρsub (4.35)

Cover-glass is used to reduce the degradation of the PV cells due to radiation [146]. The most common cover-
glass material used in satellites are cerium di-oxide doped glass and have 3 commonly available commercial
variants - CMX (2600 kg/m3), CMG (2540 kg/m3) & CMO (2540 kg/m3) [45]. Among the three variants, CMX
cover glass material has the highest density so it will be used in the calculations to get the maximum mass
possible due to the cover-glass. The mass of the cover-glass can be calculated by multiplying the volume of
the cover-glass by its density, as shown in equation (4.35) below.

Mcovpanel = lpanel ×wpanel × thcov ×ρcov (4.36)

Insulation layers on the solar panel are used to thermally & electrically insulate the solar panels. They keep
the temperature of the solar panels under the desired range by not allowing them to get overheated on long
exposure to sunlight. There are 3 most commonly used insulation layers in the space industry which include
Kapton [35], Kevlar [36] & fiber-glass [27]. The mass of the insulation can be calculated by multiplying the
volume of the cover-glass by its density, as shown in equation (4.35) below.

Mi nspanel = lpanel ×wpanel × thi ns ×ρi ns (4.37)
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The total thickness of the panel would include the thickness of the substrate, cover-glass, PV cells and
adhesive layer. The thickness of the cover glass is usually in the order of micro-meters and is negligible com-
pared to the thickness of the solar panels, which are usually in the order of millimetres. There is no reliable
way to predict the adhesive thickness and is manufacturer-dependent. Therefore, the panel thickness would
be approximated by the sum of the thicknesses of the substrate and PV cells as shown in equation (4.38)
below:

thpanel = thsub + thpv−cel l s (4.38)

Using the equations derived above, the mass of a solar panel and eventually the mass of a solar array and
it’s inertia for different PV cells were calculated and have been summarized in the table (4.3) below:

Spectrolab
XTE-SF

Spectrolab
−XTJ

Azurspace-
4G32C

Azurspace-
3G30C

CESI-CTJ-
30

PV cell mass (g) 2.268 2.268 1.78 2.35 2.683
Max PV cells per

panel
20 20 16 20 16

Substrate mass
(kg)

0.28

Insulation layer
mass (kg)

9.17×10−3

Thickness of
panel (mm)

1.66

Mass of one
panel (kg)

3.35×10−1 3.35×10−1 3.18×10−1 3.37×10−1 3.33×10−1

Mass of one wing
(kg)

1.1 1.1 1 1.1 1

Inertia along x-
axis (kgm²)

3.33×10−3 3.33×10−3 3.03×10−3 3.33×10−3 3.03×10−3

Inertia along y-
axis (kg m2)

9.54×10−2 9.54×10−2 8.67×10−2 9.54×10−2 8.67×10−2

Table 4.3: Summary of inertia & mass calculations

The maximum values for each parameter among the different configurations have been highlighted in
yellow, and these values will be used in later sections to size and select components. In summary, from this
section, it was found that:

• The maximum mass of a solar array with three 12-U sized panels would be 1.1 kg

• The maximum inertia of the solar array along the x-axis is 3.33×10−3 kgm2

• The maximum inertia of the solar array along the y-axis is 9.54×10−3kgm2.

The next step in calculating the torque required to rotate the solar panels is to calculate the angular accelera-
tion of the solar array. This will be calculated in the next sub-section.

Solar array angular acceleration calculations
The angular acceleration of a rotating body is given by the equation below:

αS A = ω f −ω0

t
(4.39)

The final angular accelerations of the solar panel are those calculated for the different mission scenarios as
calculated in section (4.3.1) and summarized in table (4.1). The angular acceleration rate would be calculated
from rest therefore the initial angular velocity will be zero. The time period for acceleration will be considered
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as an unit second. Based on these values, the angular acceleration for the three different mission scenarios
are summarized in Table (4.4) below. It can be observed that the angular acceleration rate of the solar arrays
are maximum in the target tracking scenario as highlighted in the table.

Phase Angular acceleration (r ad/s2)
Sunlight 1.6×10−3

Eclipse 2.77×10−3

Target tracking 0.04

Table 4.4: Summary of angular acceleration calculations

Summary of torque calculations
Now, as the inertia and the angular acceleration of the solar arrays are known, the torque required to rotate
the solar arrays can be calculated using equation (4.22). In order to calculate the torque values, the inertia
values summarised in Table (4.3) & the angular acceleration values summarised in Table (4.4) will be used.
The resultant torque values for the different mission scenarios and the array’s rotational axis are summarized
in the Table (4.5) below. As highlighted in the table, the maximum torque required to rotate the solar arrays
were found to occur during the target tracking scenario when the arrays are rotated along the y-axis. The
maximum torque required from the actuator rotating the solar arrays would therefore be 3.816 mNm.

Phase Torque to rotate along x-axis (mNm) Torque to rotate along y-axis (mNm)
Sunlight 5.33×10−3 0.153
Eclipse 9.22×10−3 0.264

Target tracking 0.133 3.816

Table 4.5: Summary of torque calculations

Mechanical power calculations
The main motive of this section was to calculate the mechanical power required to rotate the solar arrays.
As the torque and the rotational speeds are now known, the mechanical power required to rotate the solar
arrays in different mission scenarios and different rotational axis can be calculated using equation (4.40) and
are summarized in Table (4.6) below. As highlighted in the table below the maximum power required to
rotate the solar arrays was found to be 0.153 mW which is expected to occur in the target tracking phase. The
calculated power is very low because of the low inertia of the solar arrays and the low RPM that the SADM
operates at. The actuator would definitely have to provide more power than the calculated value as it has to
overcome the friction dissipated in tribological elements.

Pmech = τω (4.40)

Phase Power to rotate along x-axis (mW) Power to rotate along y-axis (mW)
Sunlight 8.528×10−6 0.245×10−3

Eclipse 25.54×10−6 0.731×10−3

Target tracking 5.32×10−2 0.153

Table 4.6: Summary of mechanical power calculations

Summary of rotational speed, torque & power calculations
A brief summary of the maximum angular speed, torque required and the power required to rotate the solar
arrays have been summarized in the Table (4.7) below. As highlighted in the table below, it was found that the
maximum speed, torque and power required to rotate the solar arrays will be required when the solar arrays
are rotated about the y-axis during the target tracking mission phase.
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Phase Maximum torque Maximum rotational speed Maximum power required
Units mNm rad/s mW

Sunlight 0.153 1.6×10−3 0.245×10−3

Eclipse 0.264 2.77×10−3 0.731×10−3

Target tracking 3.816 4×10−2 0.153

Table 4.7: Summary of maximum torque, speed & power required calculations

4.3.2. Electrical power calculations
One of the main functions of the SADM is to transfer the power generated by the PV cells to the satellite’s
power system whilst allowing relative rotational motion as stated in SADM-FUN-003. The maximum electri-
cal power characteristics are also necessary to be known in order to answer research question 2b and to even-
tually design the power and data transfer mechanism of the SADM. The worst-case characteristics (current
& voltage) of the electrical power transferred from the solar panels to the CubeSat must be known for sizing
and designing the power transfer mechanism. The maximum current determines the conductor properties
required to transport the current. The maximum voltage will determine the appropriate insulator properties
for this application. This section will calculate the maximum voltage and current to be transferred by the
SADM.

Electrical characteristics of PV cells
A typical PV cell is electrically equivalent to a p-n junction diode. Its electrical characteristics are shown in
Figure (4.9). As shown in the figure, the main parameters influencing the design are the open circuit voltage
(VOC ), saturation current (ISC ), voltage (VMP ) and current (IMP ) at the maximum power point. The open
circuit voltage is the maximum voltage across the PV cell when no load is connected, i.e. when the circuit is
open (I=0). When operated in a short circuit condition (leads connected to each other), the saturation current
flows through the cells (V=0). But, as the product of voltage and current are zero in these cases, no power can
be obtained from the solar cells in these states. The solar cells attain a maximum power point for a particular
voltage and current value for which their product is the highest.

Figure 4.9: Typical I-V curve of a PV cell [42]

The electrical output characteristics of a solar array does not only depend on its I-V characteristics but
also on other factors as listed below:

• Connection configuration: The electrical characteristics for a group of PV cells depend on how they
are connected to each other. Two ways to connect them are in series, parallel, or combination. This
effect will be explored in detail further in this sub-section.

• Temperature: The electrical characteristics of a PV cell vary a lot with their temperature because the

41



4. Preliminary design calculations

temperature influences the potential energy of the electrons in the depletion region of the PV cell. De-
pending on whether the temperature is high or low with respect to an ambient temperature, the elec-
trons gain enough potential energy to overcome the band gap potential barrier or need more energy
to overcome the band gap potential, respectively. This is shown in the ideal diode equation below. As
this application is designed to be operational in space, the operating temperature of the solar panels
has been defined as -40 to 80 degrees [43] Celsius by the stakeholder (AAC Hyperion). The lowest tem-
perature of the solar panels occur just when exiting the eclipse condition and the hottest temperature
occurs at the end of the sunlight phase.

I = ISC (e
qV

kSB T −1) (4.41)

• Incident irradiation intensity: The intensity of incident irradiation is another important factor deter-
mining the electrical characteristics of the power generated by the PV cell. The saturation current is
directly proportional to the incident light intensity, whereas the open circuit voltage increases loga-
rithmically with an increase in light intensity as expressed in equation (4.42)[23]. The intensity of light
from the Sun varies with the distance of the power generation source from the Sun, and it decreases
with distance. In the current application, where the satellite is operational in the LEO, the intensity of
irradiation would be assumed to be constant at a value of 1350 W/m2.

VOC = nkT

q
l n(

LSun ISC

I0
) (4.42)

• Angle of incident irradiation: The power produced by the solar panels also depend on the incidence
angle of the irradiation from the Sun with respect to the solar panel’s normal. The power produced and
the angle of the incident irradiation are related by a cosine function as expressed in equation (4.43) and
as shown in Figure (4.10).

P f = P0 cosθi (4.43)

Figure 4.10: Cosine relation between power produced & incidence angle
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• Degradation: As the solar cells are operational in LEO for a period of 5 years as stated in SADM-ENV-
001, they degrade due to radiation. Solar cells degrade due in radiation environment due to interac-
tion of particles such as electrons, protons, neutrons or ions in the space environment with the solar
cell. This interaction is usually in the form of collision that result in displacement damage or results
in ionisation. As a result of these damage mechanisms, the PV cell’s open-circuit voltage and satu-
ration current decrease which in turn leads to reduced power generation (Pmax = VOC × ISC ). Their
power generation capabilities (efficiency) reduce with time and exposure to radiation. As the system
should be designed to handle maximum power, the Begin Of Life conditions would be considered while
neglecting the End Of Life conditions for this application. This is because the solar cells will generate
maximum power at the beginning and will degrade to produce lower power over time. A simple relation
for the lifetime degradation of the PV cells are provided in the equation (4.44) [201] below:

Ld = (1−RD)l i f e−t i me (4.44)

• Shadow: As discussed earlier, the amount of power generated by the solar cell is directly dependent
on the incident light intensity. Shadows could be cast on the satellite’s solar panels due to deployable
structures and the CubeSat structure. This self-shadow effect can cause a decrease in power generation.
These effects are highly dependent on the satellite structure and its position with respect to the Sun, as
these effects are difficult to model for a generic mission configuration, and as they vary with orbit type
and position, they would be neglected for the current application design calculations.

Effect of connection configuration & temperature on PV array’s electrical output
PV cells are commonly connected in series, parallel, or a combination of both. Series connection is when the
cells are connected end-to-end and parallel connection is when the cells are connected to a common point
across each other’s leads. The series and parallel connections are shown in Figure (4.11) below:

Figure 4.11: PV cell connection configurations a) parallel b) series

Electrically the main difference between series and parallel connection of the PV cells comes in the re-
sulting voltage and current of the connections. When the PV cells are connected in series, the voltage of the
cells is added while the amperage remains constant. When the PV cells are connected in parallel, the current
of the cells is added while the voltage remains constant, as shown in Figure (4.12b).
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(a) Variation of I-V curve for a solar cell with temperature [199] (b) I-V curve for a solar cell in series and parallel [42]

Figure 4.12: Variation of electrical characteristics of PV cell

The maximum voltage per array is obtained by the product of the number of PV cells connected in series
and the PV cell’s open circuit voltage as shown in equation (4.45).

Vmax =VOC@T ×Ncel l s−per−str i ng (4.45)

The open-circuit voltage of the PV cell is further dependent on the temperature of the panel and the volt-
age at maximum power point as related in equation (4.46). The coefficient of change in voltage at maximum
power per unit change in temperature is usually negative. It can then be inferred from the equation (4.46)
that as the temperature of the panel increases, the voltage generated by the PV cell decreases and vice-versa
as the panel temperature increases.

VOC@T =VOC@28C + ∆VOC

∆T
× (TS A −Tamb) (4.46)

The maximum current per array is obtained by the product of the number of strings connected in parallel
and the PV cell’s saturation current as shown in equation (4.47).

Imax = ISC@T ×Nstr i ng s (4.47)

The saturation current of the PV cell is also temperature dependent along with being related to the sat-
uration current density of the PV cell as shown in the equation (4.48) below. The coefficient of change in
saturation current density per unit change in temperature is usually positive. It can then be inferred from the
equation (4.48) that as the temperature of the panel increases, the current generated by the PV cell increases
and the current generated decreases as the panel temperature decreases.

ISC@T = ISC@28C + ∆Jsc

∆T
× Acel l × (TS A −Tamb) (4.48)

The voltage and current at the maximum power point of the solar cell are given by the equations (4.49
4.50) respectively. The voltage and current at the maximum power point will be multiplied by the number
of PV cells to get an estimate of the maximum power that can be generated by a string, wing or array. As the
previous parameters, the current and voltage at the maximum power point are also temperature dependent
as expressed in the equations below:

Vmp@T =Vmp@28C + ∆Vmp

∆T
× (TS A −Tamb) (4.49)

Imp@T = Imp@28C + ∆Imp

∆T
× Acel l × (TS A −Tamb) (4.50)
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PV cell connection configurations

To calculate the worst-case conditions, the common connection configurations must be explored. Usually,
the PV cells are combined in series and parallel to meet the customer’s requirement for the current and voltage
on the satellite bus or the EPS. The same five commercially available PV cells that were used in earlier sections
to calculate the inertia of the panel will be used to calculate the maximum voltage and current. Some of the
possible PV cell connection combinations are listed below, along with their electrical parameters calculated
based on equations listed in the earlier sub-section.

1. Configuration-1: Length-wise PV cells across all panels are connected in series & strings are connected
in parallel. This combination of connections is not practical because the number of PV cells in each
row is not equal, as shown in the figure below. Only four PV cells can fit in the gap remaining in the
panel’s width direction after the other three PV cell rows are aligned. This difference in the number of
PV cells would lead to different voltage lines being connected to each other. That would further lead
to current flow from the higher potential line to the lower potential line to achieve a common voltage.
This would lead to current flow in the four PV cells (comparatively a diode) in the reverse direction,
which would cause heating of the solar cell and potential damage.

Figure 4.13: PV cell connection configuration-1

2. Configuration-2: All cells in the panel are connected in series, and the panels are connected in parallel.
This configuration leads to only 2 wires coming through the shaft to the SADM. The electrical power
transfer parameters calculated for this configuration based on equations (4.45-4.50)are summarized in
Table (4.8).

Figure 4.14: PV cell connection configuration-2
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Parameter
Spectrolab

XTE-SF
Spectrolab

XTJ
Azurspace

4G32C
Azurspace

3G30C
CESI

CTJ-30
-40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C

Configuration
nomenclature

20S 3P 20S 3P 16S 3P 20S 3P 16S 3P

Number of
cells per panel

20 20 16 20 16

Maximum
voltage (V)

62.6 49.17 60.9 46.32 64.3 48.22 62.4 47.55 47.5 37.33

Maximum
current (A)

1.44 1.55 1.35 1.46 1.37 1.37 1.30 1.42 1.52 1.68

Maximum
power per array (W)

81.14 62.17 73.78 55.7 75.10 53.64 73.68 56.14 63.38 52.64

Table 4.8: Voltage, current and power calculations for PV cell connection configuration-2

3. Configuration-3: All PV cells in one panel are connected in series and individually connected to the
EPS, thus no parallel connections. This is one of the most commonly used connection configurations
because of the high voltage and low current, which is good for low power transmission losses through
a conductor as it would result in minimal I 2R losses.

Figure 4.15: PV cell connection configuration-3

The electrical power transfer parameters calculated for this configuration based on equations (4.45-
4.50)are summarized in Table (4.9).

Parameter
Spectrolab

XTE-SF
Spectrolab

XTJ
Azurspace

4G32C
Azurspace

3G30C
CESI

CTJ-30
-40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C

Configuration
nomenclature

3 x 20S 0P 3 x 20S 0P 3 x 16S 0P 3 x 20S 0P 3 x 16S 0P

Number of
cells per panel

20 20 16 20 16

Maximum
voltage (V)

62.62 49.18 60.96 46.32 64.35 48.22 62.43 47.55 47.55 37.33

Maximum
current (A)

0.48 0.52 0.45 0.48 0.45 0.45 0.43 0.47 0.50 0.56

Maximum
power per panel (W)

27.04 20.72 24.6 18.56 25.03 17.88 24.56 18.71 21.12 17.55

Table 4.9: Voltage, current and power calculations for PV cell connection configuration-3

4. Configuration-4: All PV cells in one panel are connected in series, and panels on opposite sides of the
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CubeSat are connected in parallel. The electrical power transfer parameters for this configuration are
summarized in Table (4.10).

Figure 4.16: PV cell connection configuration-4

Parameter
Spectrolab

XTE-SF
Spectrolab

XTJ
Azurspace

4G32C
Azurspace

3G30C
CESI

CTJ-30
-40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C

Configuration
nomenclature

3 x 20S 2P 3 x 20S 2P 3 x 16S 2P 3 x 20S 2P 3 x 16S 2P

Number of
cells per panel

20 20 16 20 16

Maximum
voltage (V)

62.62 49.18 60.96 46.32 64.35 48.22 62.43 47.55 47.55 37.33

Maximum
current (A)

0.96 1.03 0.90 0.97 0.91 0.91 0.87 0.95 1.01 1.12

Maximum
power per line (W)

54.16 41.44 49.18 37.13 50.06 35.76 49.12 37.42 42.25 35.09

Table 4.10: Voltage, current and power calculations for PV cell connection configuration-4

5. Configuration-5: Length-wise PV cell strings are connected in series & directly connected to the EPS
thus no parallel connections. This configuration would again have one line with a different voltage
and current than the other two because of the difference in the number of cells. But the EPS can be
modified to suit the requirements. The electrical power transfer parameters for this configuration are
summarized in Table (4.11).

Figure 4.17: PV cell connection configuration-5
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Parameter
Spectrolab

XTE-SF
Spectrolab

XTJ
Azurspace

4G32C
Azurspace

3G30C
CESI

CTJ-30
-40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C -40 C 80 C

Configuration
nomenclature

2 x 24S0P
1 x 12S0P

2 x 24S0P
1 x 12S0P

2 x 24S0P
2 x 24S0P
1 x 12S0P

2 x 24S0P

Number of
cells per panel

20 20 16 20 16

Maximum
voltage (V)

75.14 59 73.15 55.58 96.53 72.34 74.92 57.06 71.32 56

Maximum
current (A)

0.48 0.52 0.45 0.49 0.46 0.46 0.43 0.47 0.51 0.56

Maximum
power per line (W)

32.46 24.87 29.51 22.28 37.55 26.82 29.48 22.46 31.69 26.32

Table 4.11: Voltage, current and power calculations for PV cell connection configuration-5

Summary of electrical power calculations
Based on the current, voltage and power calculations performed in the previous sub-section, the maximum
current, voltage, power transferred per line, and the maximum number of wires required for power transfer
among all the different configurations have been summarized in Table (4.12) below. These values will be used
as the design parameters for the power and data transfer mechanism design in the detailed design section.

Parameter Value Configuration

Maximum
current

1.7 A

Maximum
voltage

97 V

Maximum
number
of power

lines

6

Maximum
power

per line

82 W

Table 4.12: Maximum current, voltage, wires & power

It is important to note that the maximum power produced per panel or array does not change with the
difference in connection because the power generated per PV cell is constant, assuming constant irradiation
intensity and temperature. The power transferred remains constant irrespective of change in connection
configuration, but the voltage and current per line change.
The maximum current of 1.68 A was found to occur in connection configuration-2 and has been rounded up

48



4.3. Design calculations

to 1.7 A. This configuration gives maximum current because of the large number of PV cells being connected
in parallel. This configuration also transfers the maximum power per line compared to the other configu-
rations because it connects all the PV cells in the array in 2 power lines, thus requiring the least number of
power lines compared to other configurations. The maximum voltage of 96.53 V was found to occur in con-
nection configuration-5 and has been rounded up to 97 V. This configuration gives maximum voltage because
of the large number of PV cells connected in series. Configuration-5 also requires the most number of wires
to transmit power from the PV cells because of three individual lines for series connection.

4.3.3. Launch loads
The SADM is exposed to various environments based on the loads they impose which are - Assembly, In-
tegration and Testing (AIT), handling, transport, launch and operational. The SADM should be designed to
withstand these loads so that it can perform its functions throughout its lifetime, as stated in SADM-ENV-001.
Among the various loads that the SADM experiences during its lifetime, the launch load is the most critical
load the system has to survive because of the comparatively larger magnitude of loads that the launcher im-
poses on the system. The launcher imposes various loads on its payloads due to factors like aerodynamic
disturbances, stage separation, engine ignition, unsteady combustion and inertial acceleration. These loads
get translated to the satellite as launch forces and act on all its components.
In this section, the launch loads will be explored and listed, and then the maximum launch loads for which
the system has to be structurally designed to withstand will be identified. Then launch loads will then be
adapted to the current application to calculate the maximum launch force acting on the SADM system.

Common launch loads
The different types of launch loads (adapted from Chapter 6 of [203]) imposed by the launcher on the satellite
are summarized in the Figure 4.18 below:

Figure 4.18: Launch loads classification

The nature and source of these launcher loads are explained in brief below:

• Static loads: Static loads do not change in magnitude with time. These are caused by inertial force due
to the acceleration of the launch vehicle.

• Dynamic loads: Dynamic loads act at a random time during the launch period and are variable in
magnitude. They are caused by various sources that generate random disturbances like unstable engine
combustion, vibrations generated by the turbulent flow on the launcher’s surface, separation of stages
and other aerodynamic disturbances like wind gusts.

• Random vibration loads: Random vibration loads are dynamic loads with a higher frequency range
(usually 20-2000 Hz). These are usually caused by boundary layer interactions and acoustic loads that
are transformed into mechanical vibrations acting at the base of the satellite.

• Sine vibration loads: These are dynamic loads with a lower frequency (usually 5-100 Hz). They are
caused by the interaction of the launcher’s structure with the engine’s combustion instabilities and the
shock loads caused by thrust build-up.
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• Acoustic loads: These are changes in sound pressure that are caused due to exhaust noises and aero-
acoustic disturbances caused by turbulent boundary layer flow around the launcher.

• Shock loads: These are sudden loads with high intensity, high frequency and short duration. They are
caused during a couple of events - the release of hold-down during lift-off, the separation of the rocket
stages, fairing deployment, the separation of the satellite from the launcher and the start and stop of
the engines.

• Pressure variations: The static pressure within the payload volume of the launcher varies as the launcher
ascends from atmospheric pressure to vacuum. Vents are used to equalise the pressure.

Static loads - longitudinal (g)
Maximum 10
Minimum 4

Static loads - lateral (g)
Maximum 0.6
Minimum 0.2

Sinusoidal vibration qualification levels - longitudinal [14]
Frequency (Hz) Amplitude (g)

2−5 12.4 mm
5−50 1.25 g

50−100 1 g
Sweep rate 2 oct /min

Sinusoidal vibration qualification levels - lateral [14]
Frequency (Hz) Amplitude (g)

2−5 9.9 mm
5−25 1 g

25−100 0.8 g
Sweep rate 2 oct/min

Generalized random vibration qualification levels for < 22.7 kg [108]
Frequency (Hz) ASD level

(
g∧2/Hz

)
20 0.026

20−50 +6 dB/ oct
50−800 0.16

800−2000 −6 dB/ oct
2000 0.026

Overall 14.1GRMS

Shock response spectrum qualification levels [14]
Frequency (Hz) SRS acceleration (g)

100 10
100 400
500 500

1000 700
10000 132

Acoustic vibration test qualification levels [14]
Frequency (Hz) Qualification level (dB)

31.5 131
63 134

125 139
250 136
500 132

1000 126
2000 119

Overall level & 142.5
duration 2 minutes

Table 4.13: Environmental loads [108] [14]
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The above-listed launch loads vary with each launcher; general load values for the design, qualification
and acceptance of the satellite and its components are provided by [108] and are summarized in the table
below. Some of the launch loads not specified in the NASA-GEVS [108] are adopted from the Ariane-5’s user
manual [14]. Among the launch loads summarised in the table (4.13) above, the qualification random vibra-
tion load is the highest load that would act on the satellite in all three axes. This was also higher than the
loads specified by various launcher user manuals as compared in [166]. Therefore, this load would be used as
a design load to size the SADM so that it can survive all the other launch loads.

Launch force calculations
The launch loads mentioned in the table above act on the satellite in all three directions. To be able to size
and design the SADM to withstand these loads, the maximum design load that is now in the form of an ac-
celeration load must be converted to a force. The following sub-sections will calculate the maximum force
that will act on the SADM. The first step would be to convert the dynamic loads into a static force. Secondly,
the static force acting on the solar panel would have to be translated to the shaft and depending on the dif-
ferent configurations and number of hold-down points, the reaction force acting on the shaft of the SADM
will be calculated, and the maximum force among the calculated values will be used to design and size the
components in later sections.

Conversion of dynamic loads to quasi-static loads:
In the previous subsection, the launcher’s random vibration load was found to be the highest load that will
act on the satellite. This load will act on the solar panels hinged to the SADM’s shaft, as shown in Figure
(4.19). This force on the solar panels gets translated to the SADM through its shaft. The maximum force
translated from the solar arrays to the shaft will be the design load for the SADM. The random vibration load
magnitude of 14.1 GRMS has a 1-σ probability of occurrence according to [108]. The random vibration load
will be multiplied by 3 to get the 3-σ or worst-case load.

Figure 4.19: Launch loads acting on satellite shaft

Fmax =GRMS × g ×mS A ×σ= 14.1×9.81×1.1×3 (4.51)

Fmax = 456.46N ∼ 460N (4.52)

This maximum force acts in all 3 directions on the solar array. For ease of calculation, this force will be
considered to be a distributed load W(x) throughout the length of the panel (0.34 m) and acting in the negative
x-direction.

W (x) = 460

0.34
= 1353N /m (4.53)

Structure simplification & assumptions:
The solar array is attached to the CubeSat structure at the top endpoint (Point-1 in Figure (4.20)) using a shaft
that is also a hinge which allows the solar panels to be bent around the z-axis. This shaft with a hinge would
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be modelled as a pin-joint support because it provides a vertical and horizontal reaction force but cannot
provide a reaction moment.

Figure 4.20: Structural simplification of the satellite with a hinge

The shaft with hinge alone is insufficient to constrain the solar wings along 3-DOF during launch. Thus
hold-down & release mechanisms are used. The number of hold down points and their position along the
panel is dependent on the customer’s requirement and design. Their main function is to constrain the motion
of the solar arrays in all 3 directions. Thus they would be modelled as fixed support. Four common hold-down
point configurations are possible, and that has been considered in this design calculation:

• Case-1: One hold down point at the end of the panel

• Case-2: One hold down point in the middle

• Case-3: Two hold down points at one-third distance from either end

• Case-4: Two hold down points at half the distance from either end

The solar array is assumed to be a beam even though it is a flat plate in reality. This is because the clas-
sical plate theory is just an extension of the beam theory to an additional dimension which would improve
the accuracy of the calculations, which is not necessary at this design stage [107]. Moreover, solving those
equilibrium equations would require finite element modelling as they are in differential form. The plates also
undergo bending and torsion moments, which complicate analysis. To avoid this added complexity and to
get an initial estimate for design, the plate is assumed to be a beam in this calculation.

Case-1: Hold-down point at end of the panel

Figure 4.21: Free body diagram of solar panel under launch loads with hold down point at the end of panel
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Equilibrium equations:

Rv1 +Rv2 =W L (4.54)

M2 = W L2

2
−Rv1L (4.55)

Rh1 = Rh2 = 0 (4.56)

The above case is statically indeterminate, because the number of unknowns (Rv1, Rv2 & M2) are more
than the number of equilibrium equations (4.55 & 4.54).

Figure 4.22: Beam splitting for case-1

Bending moment at section X-X’:

M (x) = Rv1x − W x2

2
+Rv2x −M2 (4.57)

E I
d 2 y

d x2 = Rv1x − W x2

2
+Rv2x − W L2

2
+Rv1L (4.58)

Slope at section X-X’:

E I
d y

d x
= Rv1

x2

2
− W x3

6
+Rv2

x2

2
− W L2x

2
+Rv1Lx +C1 (4.59)

Deflection at section X-X’:

E I y = Rv1
x3

6
− W x4

24
+Rv2

x3

6
− W L2x2

4
+Rv1L

x2

2
+C1x +C2 (4.60)

Boundary conditions:

1. y (0) = 0 Deflection at fixed end is zero

2. y (L) = 0 Deflection at pinned/hinged end is zero

3. y ′ (L) = 0 Slope at fixed support is zero

4. y ′′ (0) = 0 Moment at hinged support is zero

Using Boundary condition (1) & (2) in deflection equation:

C2 = 0 (4.61)
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Using Boundary conditions (4) in moment equation:

0 =−W L2

2
+Rv1L (4.62)

Rv1 = W L

2
(4.63)

Using the above result in the equilibrium equation:

Rv1 +Rv2 =W L → W L

2
+Rv2 =W L (4.64)

Rv2 = W L

2
(4.65)

Case-2: One hold down point in the middle

Figure 4.23: Free body diagram of solar panel under launch loads with hold down at midpoint

Equilibrium equations:

Rv1 +Rv2 =W L (4.66)

Rh1 +Rh2 = 0 (4.67)

Figure 4.24: Beam splitting for case-2
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Equilibrium equations:

Rv1 +Rv2 =W L (4.68)

Rv2 = Rv2.1 +Rv2.2 (4.69)

Rv1 +Rv2.1 =W

(
L

2

)
(4.70)

Rv2.2 =W

(
L

2

)
(4.71)

As the case on the left is similar to case-1, the results can be applied to this case as well:

Rv2.1 = W L

4
(4.72)

Rv1 +Rv2.1 =W

(
L

2

)
→ Rv1 + W L

4
=W

(
L

2

)
(4.73)

Rv1=WL

4
(4.74)

Rv2 = Rv2.1 +Rv2.2 → Rv2 = W L

4
+ W L

2
(4.75)

Rv2=3WL

4
(4.76)

Case-3: Two hold down points at one-third distance from either end

Figure 4.25: Free body diagram of solar panel under launch loads with 2 hold down points

Equilibrium equations:

Rv1 +Rv2 +Rv3 =W L (4.77)

Rh1 +Rh2 +Rh3 = 0 (4.78)
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The above equations are also indeterminate therefore, the beam-splitting method will be used to make
the system statically determinate.

Figure 4.26: Beam splitting for case-3

Equilibrium equations:

Rv1 +Rv2.1 = W L

3
(4.79)

Rv2.2 +Rv3.1 = W L

3
(4.80)

Rv3.2 = W L

3
(4.81)

Rv2.1 +Rv2.2 = Rv2 (4.82)

Rv3.1 +Rv3.2 = Rv3 (4.83)

Again, left-most part of beam is same as solved for case-1, therefore:

Rv2.1 = W (L/3)

2
→ Rv2.1 = W L

6
(4.84)

Rv1 + W L

6
= W L

3
→ Rv1=WL

6
(4.85)

Rv2 = Rv2.1 +Rv2.2 → W L

6
+ W L

6
(4.86)

Rv2 = WL

3
(4.87)

Rv3 = Rv3.1 +Rv3.2 → W L

6
+ W L

3
(4.88)

Rv2 = WL

2
(4.89)
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Summary of launch force calculations

From the above calculations, the parameter important for design is the reaction load on the shaft of the
SADM. The reaction force on the shaft was calculated by substituting the load calculated in equation 4.53
which was 1353 N/m for a panel length of 0.36m. The maximum reaction load experienced by the shaft
among all these cases was found to occur in case-1, when there was no hold-down point. But this case is not
practically viable because then the solar arrays would have rotational freedom about one axis and can get
damaged due to launch loads. This is why at least one hold-down point is utilised on the solar array compul-
sorily. The case with the next highest magnitude of the force acting on the shaft is the case where the hold
down point is placed at the other end-point of the solar panel (case-2). Therefore, this reaction force of 243.5
N would be considered the maximum design load for sizing the SADM. This calculation was preliminary and
does not consider dynamic effects such as eigenmode shapes of the solar panel in response to the vibration
loads. This was not feasible within the timeline of the thesis. But the worst case launch force has been cal-
culated using the worst case load which is 3σ value of the maximum random vibration load. This way the
structural reliability of the SADM has been ensured in the initial stage of the design, the author would rec-
ommend carrying out a dynamic analysis in the future scope of this project to verify the calculated launch
force.

Case #
Reaction
load at shaft

Calculated
reaction
force value

Load diagram

1 WL 487 N

2 W L

2
243.5 N

3 W L

4
121.7 N

4 W L

6
81.2 N

Table 4.14: Launch force on shaft for different hold-down point placement
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4.4. Chapter summary
In this chapter, the mechanical power required to rotate the solar arrays, electrical power to be transferred by
the SADM and the launch forces acting on it were calculated. The SADM’s operation was defined firstly by
exploring the mission scenarios it will encounter during its lifetime and by detailing its operating modes. It
was calculated that the target tracking phase of the mission required the maximum rotational speed of the
solar arrays, maximum torque and maximum mechanical power as summarized in the Table 4.15 below. The
maximum current was found to be 1.7A and the maximum voltage was calculated as 97V for different PV cell
connection configurations as stated in Table 4.12. The maximum launch force of 243.5 N was found to act
in all three directions of the shaft when there was only one hold-down point positioned in the middle of the
solar panel.

Maximum Value Reference

Mechanical parameters
Rotational speed 0.04 rad/s Target tracking (4.3.1)

Torque 3.816 mNm Target tracking (4.3.1)
Power 0.153 mW Target tracking (4.3.1)

Electrical parameters
Current 1.7 A

Cells in panel connected in series &
panels connected in parallel (2)

Voltage 97 V
All PV cells across length in

all panels are connected in series (5)

Power 82 W
Cells in panel connected in series &

panels connected in parallel (2)
Launch load Force 243.5 N One hold-down point in the middle (4.3.3)

Table 4.15: Summary of preliminary design calculations
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5
Detailed system design

In this chapter, the main elements of the SADM will be designed, selected or sized. This chapter is split into 9
sections that will detail each element. Each section will start by defining the research question for the section
which will be adapted from the initially set research questions followed by setting requirements for the ele-
ment that flow from the requirements set for the SADM sub-system. The element design, sizing and selection
are then performed based on these requirements. The first section 5.1 will describe about the housing design
as it encloses rest of the elements. The mechanical power required to rotate the solar arrays was calculated in
the earlier chapter, the next section 5.2 will select the rotary actuator that will provide this mechanical power.
Mechanical power is composed of rotational speed and torque, the SADM has to rotate the solar arrays at
particular speeds and torque, the torque and rotational speed provided by the actuator must be matched
with the required torque and speed of the solar arrays. This is resolved by using a mechanical power trans-
fer mechanism that transforms the input torque and speed to required value of torque and speed. The next
section 5.3 will discuss the mechanical power transfer mechanism design. One of the most important func-
tions of the SADM is to transfer the generated electrical power to the relatively stationary satellite systems.
This is followed by a section 5.4 describing the selection process and rationale behind the electrical and data
interfaces of the SADM that will allow it to interact with other elements and satellite systems. The next sec-
tion 5.5 will design and size the power and data transfer mechanism to transfer the electrical power based
on the parameters calculated in section 4.3.2. The next section (5.6) will discuss about the most common
failure causing elements of mechanisms - bearings. The chapter culminates in section 5.8, which gives a brief
overview of the results achieved in this chapter.

5.1. Housing design
In this section, the housing design would be elaborated. The housing is designed first among the other com-
ponents of the SADM because it has to house the other components and by knowing the dimensions and vol-
ume available within the housing, other components can be designed and sized. The housing design would
be carried out by firstly understanding its purpose in sub-section 5.1.1 and followed by defining its require-
ments in sub-section 5.1.2. The housing design concepts are then explored and one is selected in sub-section
5.1.3 and the housing is sized for radiation shielding in sub-section 5.1.4. The section ends with a summary
of the housing design in sub section 5.1.6.

5.1.1. Purpose
The main purpose of the housing is to encapsulate all the components and elements of the SADM and hold
them in place throughout the SADM’s lifetime whilst withstanding launch loads and protecting the internal
components from the space environment. The space environment imposes radiation, thermal variations,
vacuum and atomic oxygen. The launch environment imposes loads on the structure. The housing must
stand in the way of these detrimental environmental effects to protect the elements that it encloses. The
housing is especially crucial in protecting the electronic components from degradation and malfunction due
to radiation. The housing holds the components by serving as a mechanical interface for all the components
and functions as a load path from the components to the CubeSat structure. As the satellite revolves around
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the Earth, its temperature increases and decreases due to heating of the Sun caused by its relative position
change in orbit.

5.1.2. Requirements
The SADM requirements were defined in chapter 3, some of these requirements apply to the housing and
they would have to be translated to the element under discussion in this section - the housing. The re-
quirements that are pertinent to the housing’s design characteristics are SADM-DES-002, SADM-DES-003,
SADM-INT-001, SADM-INT-002, SADM-INT-003 and all the environmental requirements (SADM-ENV-001 to
SADM-ENV-011). These requirements are translated to the housing as shown in Table 5.1. The requirements
SADM-HSG-001 & SADM-HSG-002 have already been considered in section 3.2 as it has considered the di-
mensional constraints and has defined the dimensional limits within which the housing must fit within.

Identifier Requirement Parent requirement

SADM-HSG-001
The housing shall be compatible to fit on the external surface
of a 12U CubeSat

SADM-INT-001 &
SADM-INT-002

SADM-HSG-002 The housing shall be scalable to CubeSats of size 3-16U SADM-DES-002

SADM-HSG-003
The housing shall be designed such that it can be applied for
more than one panel mounting configuration

SADM-DES-003

SADM-HSG-004 The housing shall not extend beyond one plane SADM-DES-004

SADM-HSG-005
The housing shall be compatible with the environmental
conditions.

SADM-ENV-001 to
SADM-ENV-011

Table 5.1: Housing requirements

Considering these requirements and the housing’s purpose a question can be framed to be addressed in
this section, as stated below. The remaining sub-sections will aim to answer this question.

"How to design housing that fits externally on a 12U CubeSat and is modular, scalable and
survives the environmental conditions?"

5.1.3. Housing design concepts trade-off
Initially, to arrive at a design concept of the housing, the SADM-HSG-003 requirement will be considered.
To design a SADM system that applies to multiple panel mounting configurations, the most commonly used
panel mounting configurations in various CubeSat missions were found, and different SADM housing con-
cepts were designed. The different housing design concepts have been traded-off against the different panel
mounting configurations based on their applicability to the mounting configuration, as shown in Figure (5.1).
If the housing design can be applied in a particular panel mounting configuration, then the cell is coloured in
green, and a score of one is given to the panel mounting configuration. If the housing design concept cannot
be applied to a particular panel mounting configuration, then the corresponding cell is coloured in red, and
a score of zero is given to the panel mounting configuration. If a housing design concept requires two such
SADM systems to apply to a particular panel mounting configuration, then the corresponding cell is coloured
in orange, and a score of 0.5 is given to the panel mounting configuration. The scores are then summed for
each housing design concept, and the total score is summarized in the extreme right hand of the table.
It can be inferred from the trade-off that, clearly, housing design concept-1 is the most widely applicable
design across multiple solar panel mounting configurations, thus making it the most modular design among
the other housing design options considered. The housing design concept-1 does not apply only to the one
panel mounting configuration, as shown in the Figure 5.1. This is the panel mounting configuration used in
the MARCO mission [177], which is an inter-planetary CubeSat mission to Mars, and the panels have been
placed in such a way so that the spacecraft experiences minimal disturbance torque due to drag due to solar
radiation pressure. As this system is designed predominantly for LEO missions, it can be inferred from the
trade-off that the housing design concept-1 is optimal for application in all the commonly used panel mount-
ing configurations in LEO. By selecting design concept-1, the requirement SADM-HSG-003 has been fulfilled.
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Figure 5.1: Housing design concepts trade-off

5.1.4. Sizing for radiation shielding
Another important function of the SADM’s housing is safeguarding the internal components from the space
and launch environment as defined in SADM-HSG-005. The most critical component of the environment that
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affects the system performance after the launch loads is radiation. The housing merely transmits the launch
loads acting on the solar panel to the CubeSat structure via the shaft. Therefore the shaft is the main load-
bearing element as discussed and calculated in the earlier section 4.3.3. The housing is also mounted on the
external surface of the spacecraft; this means that the SADM will experience a higher dose of radiation than
if it were to be mounted on the inside of the CubeSat, where it could be shielded by the CubeSat’s structure.
Therefore, the housing will primarily protect the internal components from radiation. To design the system
to withstand radiation, the radiation environment in LEO will be explored and understood in the forthcoming
sub-section.

Radiation environment in LEO
Radiation in space originates from the charged particles originating from the Sun or outside the solar system.
The radiation from Sun is caused due to multiple mechanisms, but the prominent source is the fusion reac-
tion happening in its core and its magnetic field interactions with the surface causing the ejection of large
masses of charged particles (Coronal Mass Ejections). The radiation coming from outside the solar system
originates from high-energy events like a supernova. Radiation can be classified into two groups based on its
energy, ionizing and non-ionizing radiation. Ionizing radiation has enough energy to remove the electrons
from the valence shell of the incident material, thus leaving the target material charged or ionized. Non-
ionizing radiation does not have enough energy to cause the same effects.
Based on these radiation causes, there are three radiation sources in the Low Earth Orbit environment:

• Trapped particle belts around Earth: The charged particles coming from the Sun and outside the Solar
system are trapped by the magnetic field of the Earth, this forms a belt of trapped electrons and protons
around the Earth called the "Van Allen radiation belt" as shown in Figure (5.2). It has two belts that are
toroidal in shape, the inner and the outer belt. The inner belt mainly consists of protons and extends
from 0.2-2 times the Earth’s radius distance from the surface of the Earth. The outer belt mainly com-
prises electrons, extending from 3-10 times the Earth’s radius. The electrons are trapped in two belts
with different energies and distributions. The most notable feature of the trapped radiation belts is the
South Atlantic Anomaly (SAA) that is a high radiation area at 200km above sea level close to the coast
of Brazil. This region is formed at the intersection of the Van Allen belt’s inner ring with the Earth’s
magnetic field. As this region contains a concentrated density of high-energy protons, it causes a lot
of trouble for the satellites in LEO. This is the worst-case environment in terms of radiation dosage on
spacecraft.

Figure 5.2: Trapped radiation belt around Earth [54]

• Galactic cosmic rays (GCR): GCR originate outside the solar system and are generated by astronomical
mass ejection events like a supernova explosion, black holes, neutron stars and active galactic nuclei.
They enter the solar system isotropically. They are composed of ionised particles of all the elements
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in the periodic table, from Hydrogen to Uranium. It is roughly composed of Hydrogen (85%), Helium
(14%) and other heavy ions(1%) [94]. The energy of this radiation ranges from 100 to 108 MeV [99]
and their flux increases during the solar minimum up to 4 particles/cm2 [129]. This is because the
incoming GCR is influenced by the plasma ejected by the Sun that deflects it. The Earth’s magnetic
field stops most of the GCR particles with a magnetic rigidity lower than the geomagnetic potential.
Even though heavy ions contribute the least to the total flux of the GCR, they are highly penetrative
and cause secondary radiation. The main mechanism by which the GCR radiation affects the target
material is by secondary radiation, where the primary radiation further results in electromagnetic and
nuclear reactions to form ions and neutrons. The resultant neutrons are hard to shield using any kind
of material. This kind of radiation is also not prevalent in the LEO environment and is most significant
for interplanetary and other missions outside the influence of Earth’s geomagnetic field.

• Solar Particle Events (SPE): SPE is a transient event that occurs randomly but peaks during solar max-
imum activity. One of the major SPE is the Coronal Mass Ejection that releases a large mass of material
(1014 −1015g ) in the form of a bow shock that travels at up to 3000 km/s [99]. They are composed of
protons, electrons, alpha particles and heavy ions. With protons contributing to the majority of the
radiation flux. The energy of the proton flux ranges up to 100 MeV [170]. A handful of major SPEs have
been recorded so far that occurred in February 1956, August 1972, October 1989, and July 2012 [143]
and serve as the worst case design condition included in radiation software analysis tools. The SPEs are
a major concern for interplanetary missions because the incoming radiation is blocked by the magnetic
field of the Earth.

Effects of radiation environment

The main takeaway from the previous sub-section is that the main radiation sources in space are electrons,
protons and heavy ions. These particles have two kinds of interactions: nuclear and ionic. Nuclear reactions
are the reactions where the radiation particle interacts with the nucleus of the target material’s atom and
displaces the atom; this is also called the displacement effect. Ionic reactions are when the radiation particle
interacts with the charge field of the atom. The charge field is mainly composed of electrons, so when the
incident radiation transfers enough energy to the electrons in the atom’s valence shell, the electrons surpass
the threshold energy and are free to move around in the lattice of the crystalline material (Silicon Dioxide).
This is why it is called ionising radiation.
The effects of radiation on materials can be classified based on the time taken for the effect to manifest as
cumulative and single event effects. The three main kinds of radiation effects on electronics are listed and
detailed below:

• Total Ionizing Dose (TID): This is the total energy deposited on the electronics due to ionisation caused
by the radiation particles. This ionization energy increases the energy of the electrons in the lattice and
creates electron-hole pairs in the semi-conductor. The newly created electron-hole pairs can recom-
bine, can acts as current carriers or can form trapped charges at the interfaces. This further leads to
measurable effects on the electronics like change in threshold voltage, leakage currents, decreased mo-
bility of current carriers and increased gate charge. Shielding is one of the most effective measures to
mitigate the effects of TID because the shielding material reduces the energy of the radiation particles
and therefore the energy deposited is also lower. Another measure to mitigate effects of TID is to test
the COTS electronics as their reliability and response to radiation can be very different even though
they are mass produced.

• Displacement Damage: As the name suggests, this is a cumulative effect caused due to collisions be-
tween radiation particles and the electronics which lead to displacement of the atom from its position
in the lattice structure of the semi-conductor. By knocking the atom in the semi-conductor to an inter-
stitial site, new conduction paths are generated or designed conduction paths in the semi-conductor
have lower conduction. This further leads to observable effects on the electronics such as leakage cur-
rents, decreased carrier mobility and heat generation due to recombination.
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(a) Total ionising dose on electronics [155] (b) Displacement damage on electronics [138] (c) Single event effect on electronics [74]

Figure 5.3: Different effects of radiation on electronics

• Single Event Effects (SEE): These are a group of effects caused due to a single particle interacting with
the electronics. Proton is the main cause of this effect which originates from SPEs, GCR & trapped radi-
ation belt. The proton leaves behind an ionization column (electron-hole pairs) in the material. Based
on the nature of the damage the effect leaves on the material, single-event effects can be classified
as destructive and non-destructive. Destructive effects cause permanent and non-reversible damage.
Non-destructive effects cause reversible damage.

Acronym Effect Description
SEU Upset Digital circuit changes logic state (bitflip)
SEL Latchup High current withdrawal state

SEGR Gate Rupture Failure of power transistor
SEB Burnout Permanent failure of the device
SEFI Functional Interrupt Device no longer performs designed function

SEMBE Multiple Bit Error Multiple logic state changes
SET Transient Transient current in circuit

SEIDC Induce Dark Current Increased dark current in Charge Coupled Device (CCD) arrays
SES Snap Back Drain to source break-down leading to high current

Table 5.2: List of SEE and their description

Radiation mitigation strategies

The undesirable effects of radiation can be mitigated using multiple strategies applied at different hardware
and software development design stages. Some of these mitigation techniques are classified in the Figure
(5.4). As the current project is at the initial system hardware design stage, only system-level radiation mitiga-
tion strategies will be considered here. The system-level mitigation strategies can be further subdivided into
hardware ad software techniques. Redundancy is utilizing redundant components for critical parts to avoid
system failure. It can be implemented based on hardware, software, information or time. Error detection and
correction is also performed on software. Re-initialization recovery is a method where a watchdog timer is
used to restart the system if the system does not send a pulse within a given time interval or frequency of a
time period. This method is also implemented via software design. Scrubbing is a method where the hard-
ware and software are inspected in the background for errors and corrected. This method is also pertinent to
electronics and software design, so it will not be considered in this project. The last option for system-level
radiation mitigation is shielding. Shielding is a method that uses materials to physically reduce the intensity
of radiation incident on the enclosed electronics. This is a very effective hardware-based method to lower the
effects of radiation on electronics, which is why this method will be considered further in this project. The
shielding material and its thickness can be chosen based on the radiation environment and lifetime require-
ments.
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Figure 5.4: Radiation mitigation strategies at different levels of design

Shielding design
Shielding can be of three types - Active, passive and Ad-Hoc shielding. Active shielding is a shielding method
that mimics Earth’s magnetic field to repel the charged particles. The electromagnetic field prevents the ra-
diation from interacting with the enclosed electronics. The drawback of this method is that it requires a lot
of power, and the E-M field will also interact with the spacecraft’s systems. Passive shielding is a method that
utilizes extra material mass to absorb energy from the incident radiation; it covers the whole system. Ad-Hoc
shielding is when a part of the system is shielded. It is an effective method when lower mass is a critical de-
sign factor. The components with higher susceptibility to failure by radiation are shielded using this method.
Ad-Hoc shielding uses multiple layers to shield against different kinds of particles. As a basic design prin-
ciple, lower atomic number materials are used to shield against protons and ions. The secondary radiation
from heavy ions does not receive many contributions from a low atomic number material because of the low
mass of the nucleus. High atomic number materials are good at shielding against electrons and photons. To
implement Ad-Hoc shielding, the critical parts of electronics must be identified which is not possible at this
design stage. Therefore, the suitable radiation shielding method for this application at this stage is passive
shielding which uses a single material’s inherent mass and thickness to absorb the radiation.
The main design factor of a passive shield is the thickness of the shield and the material. To decide on a
material and its thickness, the total mission dose over the lifetime must be known, and the radiation dose
limit of the electronics must be known. Other constraints like weight considerations and volume available
also influence the material choice and the thickness of the shielding. Therefore there are two approaches
to designing the shielding. If the volume and mass constraints are not strict, a shielding thickness adequate
enough to allow a lower radiation dose than the radiation dose limit of the electronics will be used. If there
are strict volume and mass constraints, the material with the lowest density is chosen, and the maximum
thickness within the volume constraint is provided. If this thickness of shielding allows more total radiation
dose than the specified radiation tolerance limit of the electronics, then there are two design options that
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can be followed - radiation-hardened electronics (electronics that have a radiation tolerance of 100 krad to
1 Mrad [186]) can be used, or circuit or design level based mitigation strategies as mentioned in Figure (5.4)
can be utilised.
For designing the passive shield for this application, firstly, the radiation tolerance limit of electronics will be
found, followed by finding the total radiation dose in LEO for the lifetime of five years SADM-ENV-001. It was
found from multiple sources that COTS electronics have a radiation limit of 10 krad [158, 186]. But, this was a
rough value for the initial design, and this could be different for different electronics components and could
show signs of faulty behaviour at lower doses. Testing is the best way to be sure of the limit and functioning.
The electronic components that will be used are not known at this stage of the design. Therefore a limit of 10
krad will be considered as the limit for which the shielding will be designed.
The next step is to find the radiation dose in LEO. The "Ionizing dose for simple geometries" mode of SPEN-
VIS software was used to find the total radiation dose for these different orbit types. To find the radiation
energy expected in LEO, three different orbit types common in LEO have been considered - Polar orbit, He-
liosynchronous and an orbit with SAA Passover. It was stated previously in subsection (5.1.4) that the SAA
has the worst case radiation environment in LEO, which is why this orbit has been considered for simulation.
Polar orbits are the most common orbits in LEO for Earth observation CubeSats because of the advantage
that the orbit offers for taking pictures at the same time of the day during each orbit and a view of the entire
Earth through the passage of one orbit. Sun Synchronous Orbit (SSO) or Heliosynchronous is the other orbit
type used by LEO CubeSats for imaging, reconnaissance and weather monitoring. It has the advantage of
even illumination for imaging. These orbits were simulated for a period of five years with different shield-
ing materials like Aluminium, Titanium, Iron and Tantalum for different material thicknesses from 10−4 to
6mm in steps of 0.2mm. These were the only options of metals that were offered by SPENVIS software. This
model considers the metal as a sphere of uniform thickness around Silicon and calculates the maximum ra-
diation dose absorbed by the enclosed Silicon wafer over the lifetime of the orbital conditions fed as input.
Much complex analysis could have been performed by using the MULASIS (Multi-Layer Analysis) mode of
the software, but that mode is preferable to design a shielding incorporating multiple layers of different ma-
terials. Such a design is required for shielding sensitive electronics and for radiation environments that have
a pronounced effect of heavy ions, photons, etc which is the case in GEO and interplanetary missions. As the
electronics specification is unknown at this stage, the author would suggest using this mode for future shield-
ing optimisations in case the current shielding and other mitigation strategies are insufficient. Moreover, the
current application operates in LEO, whose radiation environment is dominated by electrons, protons and
ions for which, a single metal layer is sufficient to shield. The orbital parameters, environmental parameters
and the equivalent shielding thickness of the different materials compared to Aluminium are detailed in sec-
tion (A.3). The thickness of the different materials required to achieve a total mission dose of less than 10krad
was found from the data generated for each orbital case for each metal, and the results are summarized in
Table (5.3).

Material Vacuum Aluminium Titanium Iron Tantalum
Density (g/cm3) 0 2.71 4.5 7.78 16.6

Polar orbit (A.3.3)
Material thickness 1.00E-04 3.50E+00 2.10E+00 1.20E+00 5.66E-01

TID at given thickness (rad) 1.32E+08 8.89E+03 8.11E+03 7.81E+03 9.05E+03
Orbit through SAA (A.3.1)

Material thickness 1.00E-04 3.50E+00 2.10E+00 1.03E+00 4.85E-01
TID at given thickness (rad) 1.20E+08 8.42E+03 7.70E+03 9.72E+03 1.00E+04

Heliosynchronous orbit (A.3.2)
Material thickness 1.00E-04 2.00E+00 1.08E+00 6.71E-01 2.91E-01

TID at given thickness (rad) 4.35E+07 8.71E+03 9.76E+03 9.60E+03 9.58E+03

Table 5.3: Summary of material thicknesses required for TID less than 10krad in different orbits

As shown in the data above, maximum radiation in LEO was found to occur in the polar orbit and the
orbit with SAA passover which is in the order of 105 krad. The difference in TID at vacuum is due to the min-
imum material thickness permitted by the software. Aluminium with a thickness of 3.5 mm was found to
be sufficient to achieve a TID of 10 krad in the worst-case orbital conditions. As the maximum height of the
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housing is 6.9 mm this still allows around a 3.4mm height limit for the electronics, which is sufficient. More-
over, the material with the least density will be preferred for the housing to have the least weight. Comparing
the densities of the metals considered, aluminium has the least density and requires a shielding thickness
achievable with the imposed dimensional constraints. Therefore, aluminium will be the material of choice
for the housing with a shielding thickness of 3.5 mm. The shielding thickness would have to be applied only
over electronic components as they are prone to radiation damage. The housing material can be designed to
have a lower thickness at other parts where there are only structural elements. Aluminium has many grades
and alloys ranging from 1000 to 8000 series with varying compositions that lead to different strength and cor-
rosion resistance properties. Most of the satellite structures are usually made of Aluminium 6061-T6 grade
alloy [91, 187] . This grade of aluminium alloy is composed of silicon (0.40 - 0.80 %), magnesium (0.80 - 1.2 %),
copper (0.15-0.4 %), iron (%), manganese (0.15 %), chromium (0.04 - 0.35 %), zinc (< 0.25 %) and titanium (<
0.15 %). This grade of aluminium is desirable because of various advantages like low density, high strength,
workability, resistance to corrosion and acceptance of surface coatings. Elements like copper, magnesium
and manganese make the alloy heat treatable and improve its strength and hardness properties. It desirable
to have the housing made of the same material as the CubeSat structure to avoid differential thermal expan-
sions and galvanic corrosion. Therefore, the SADM’s housing will be made of Al-6061-T6 grade aluminium
alloy. Now that the material is selected, the thermal expansion of this material along direction of thickness for
a temperature change of 95 C (120-25 C) considering room temperature and maximum operational temper-
ature was calculated as 0.15 µm (∆L =αL∆T , where α = 23.6 µm/mC). This is much lower than the clearance
value assumed earlier. Therefore, a clearance of 0.1 mm would suffice to avoid contact with deployer struc-
ture.
Thermal variations can cause expansion and contraction of the material leading to induction of thermal stress
within the material. In such an operational condition it is favourable to have the housing to be black in color
as it would make it a good absorber and emitter of radiation heat. Moreover having a shiny metal surface
will lead to stray light interference for optical instruments of the CubeSat which is not desirable. Considering
the atomic oxygen in space and contaminants like oxygen and moisture on Earth, aluminium could undergo
oxidation and form Aluminium oxide. Corrosion of aluminium is not as detrimental as corrosion of Iron
but it would reduce the strength of the material and stress corrosion cracking which is not desirable. There
are three ways to mitigate corrosion of aluminium which include painting, powder coating and anodizing.
Unlike painting and powder coating, that are applied to the surface and can chip or peel anodization is an
electrochemical process that creates an oxide layer on the metal surface. In other words, anodization is con-
trolled oxidation. This oxide layer cannot be peeled or chipped as it is ingrained in the material. And as it is
porous, smooth surface finishes and paints can be easily attained and applied. Therefore, the author would
recommend anodization of the housing to prevent corrosion and to apply black color to attain high absortiv-
ity and emissivity of radiation. By implementing these measures, the requirement SADM-HSG-005 has been
accounted for in the design of the SADM.
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5.1.5. Preliminary housing CAD model

(a) Preliminary housing design with dimensions (83x48x6.9 mm)

(b) Preliminary housing fitted to a 12U CubeSat

Figure 5.5: Preliminary housing design

Based on these initial design decisions carried out in the previous sub-sections, the initial size and dimen-
sions of the housing can be fixed. All requirements set for the housing have been considered and imple-
mented until now except for SADM-HSG-004. This requirement has also been considered now and the initial
design of the housing is as shown in the Figure 5.5. The final dimensions will depend on the dimensions of
the elements the housing will enclose, therefore these dimensions are subject to change in the later sections.

5.1.6. Summary of housing design
In this section, the housing has been designed considering applicability to multiple panel mounting configu-
rations, scalability to different sizes of CubeSats and environmental considerations. Modularity and scalabil-
ity have been implemented by design as shown in Figure 5.5. The housing will be fabricated out of Al-6061-T6
with a thickness of 3.5mm in places where electronics are housed. The housing will also be anodized and have
a black color surface finish.
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5.2. Rotary actuator selection and sizing
In this section, the rotary actuator that is responsible for providing the mechanical power to rotate the solar
arrays will be chosen. This section is aimed at addressing the research question 2a. In order to choose or
design the right rotary actuator, firstly the requirements for the rotary actuator would be defined and a trade-
off would be performed to choose the right technology suitable for the application based on its requirement.

5.2.1. Purpose
A rotary actuator is required in this application in order to rotate the solar panels and position them normal
to the Sun as their relative position changes during the course of the satellite’s orbit. This is one of the key
functions of the SADM system as stated in requirement SADM_FUN_001.

5.2.2. Rotary actuator requirements
In order for the actuator to rotate the three rigid 12U sized solar panels, the actuator must be capable of
providing enough power during all the mission scenarios. This maximum output power required from the
actuator was calculated in section (4.3.1) as 0.153 mW and the maximum torque required was 3.816 mNm
as summarized in Table (4.7). Thus, the output power of the rotary actuator would be the primary selection
criteria to choose a suitable rotary actuator for the current application.

5.2.3. Rotary actuator design options & trade-off
Design options
Rotary actuators can be classified in to 3 categories based on how they utilize power for actuation as shown
in Figure (5.6).

Figure 5.6: Actuator design options

• Active mechanisms: The actively controlled mechanisms are the type of actuators that are controlled
and positioned continuously over their operation period, they need constant power supply for their
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operation. Motors fall under this category because they use electrical energy to perform linear or rotary
actuation. Some motors also consume power to maintain a fixed position.

• Semi-passive mechanisms: The semi-passive actuators are the kind of actuators that require power
initially or at limited phases of the operation (like re-orientation) but not during the entire operation
lifetime. Shape Memory Alloy and deployable masts fall under this category of actuators.

• Passive mechanisms: Passive mechanisms on the other hand need no external energy supply for their
actuation, these mostly include springs as they rely on the stored strain energy for deploying the stowed
structures. Springs usually fall under this category of mechanisms. These category of mechanisms
cannot change their position once they are deployed.

Broad trade-off
In the figure (5.6) above, the rotary actuator design option marked in green is the selected design option for
further consideration, whereas the rest of the design options have been eliminated because of the reasons
stated below:

• Passive rotary actuator mechanisms cannot be used in this application because this application re-
quires continuous tracking of the Sun and orienting the panels normal to the Sun as stated in SADM-
PER-001. Whereas, passive mechanisms once deployed cannot undergo position change.

• Semi-passive actuator mechanisms are not suitable for the current application. It would seem desirable
for an actuation application because they require power only while actuation and not for maintaining
the position but they have disadvantages that make them undesirable for the current application. Ro-
tary actuators based on shape memory alloys have been designed [207] based on pulleys and cables but
they have to be designed for specific applications and are not commercially available. This also means
that rotary actuators based on shape memory alloys require multiple parts to perform the rotary mo-
tion and multiple individual parts leads to higher chances of failure. This application has a requirement
that it shall use COTS components as and when required as per SADM-DES-001. Therefore, SMA based
actuators cannot be considered for this application because they are mostly used for linear actuation,
the rotary SMA-based actuators are not commercially available and designing one especially for this
project is not feasible within the given timeline and also has its associated risks. Deployable masts
make use of tape-spring like elements that deploy linearly. This means that they are usually used in
combination with flexible solar panels or solar sails that can be rolled or the deployed tape spring itself
used as a deployable antenna. But the current product is being designed for rigid solar panels as stated
in SADM-FUN-001 thus, this mechanism cannot be used for this application.

• Among the active rotary actuator mechanisms thermal methods are eliminated from further design
consideration because they use thermal expansion of fluids or semi-solids to actuate. Storage of fluids
are in general avoided according to CubeSat design standards [139] due to their requirement for special
enclosures and probability of contamination.

That just leaves the motors for further consideration in the trade-off process. Motors have various advantages
that make them suitable for the current application like ease of control, positioning accuracy and commercial
availability. Motors also have multiple options based on their working principle. The motor technology trade-
off & selection will be performed in detail in the next section.

Motor technology design options & trade-off
The Figure (5.7) below shows the motor technology design options. As observed from the requirements and
the actuator requirement calculations (section 4) performed in the earlier sections, this application requires
an actuator that can provide high torque, low rotational speed, considerable positional accuracy and oper-
ation with DC voltage. The selected technology option is in green and the rejected technology options are
indicated by red.
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Figure 5.7: Motor technology design option

The reasoning for the selection is detailed below:

• AC Motors: Alternating Current (AC) motors cannot be considered for use in this application because
they are usually used in high torque and high RPM applications. These kind of motors have cogging
at low RPM. This application does not need high RPM. This application is slow-moving and requires
positional accuracy. Additionally, they are not available in miniature versions.

• DC-motors: DC-motors cannot be used in this application because of disadvantages like brush wear,
power-loss through the brushes, debris generation due to brush wear & arcing. This results in limited
lifetime and performance risks. Brush-less DC motors overcome most of the disadvantages faced with
Brushed DC motors. But they are typically used in high RPM and low torque applications. Positional ac-
curacy can be achieved with closed-loop control. This application again requires low rotational speed
(RPM) & high torque and DC motors are typically used in high RPM applications. In fact, DC motors
are not desirable for low speed applications because of cogging at low RPM.

• Servo motors: Servo motors are constructed by coupling a DC or AC motor with transmission gear
and a negative feedback control loop. Thus, they have the same disadvantages as the AC & DC motors.
These commercially available servo motors come with compatible gears, but for the current application
these COTS servo motors cannot be used because they are dimensionally incompatible and are not
space grade (because they come with plastic gears & out-gassing lubricant).

The piezo-motor and the stepper motor are the only remaining two options for this application. Piezo and
stepper motors are typically used in precise positioning applications which is also a prerequisite for this ap-
plication. But each of these motor types also have their advantages & disadvantages as described in the Table
(5.4) below.
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Piezo-electric motors Stepper motors
Advantages Disadvantages Advantages Disadvantages
Capable of resolutions
less than a degree usu-
ally in the order of
micro-radians.

Susceptible to failure
due to vibrations

Variable step resolution
usually greater than one
degree.

Lowered torque with
higher position resolu-
tion

High torque
High & uneven wear
due to contact-based
actuation

High torque at low
speeds

Torque decreases with
increased speed

Integrated position
feedback sensors

Hysteresis losses
Open-loop control
achieved by principle of
working

Closed loop control
required to make sure
steps are not missed
due to resonance or
inertia imbalance

Unpowered holding Drift problem
Can also provide un-
powered holding torque

Holding torque has to
be overcome for ro-
tation which reduces
torque while running
and this effect is more
pronounced at high
speeds

Magnetic & electrical
field disturbances are
minimal because of
contact based actuation
due to piezo-electric
working phenomena

Need additional com-
ponents to produce cir-
cular motion, thus more
moving parts in contact

Variable speed & direc-
tion control

Steps can be missed due
to resonance or uneven
load conditions

Table 5.4: Stepper versus piezo motor technology trade-off

The above table shows that both stepper and piezo-motors have their equal share of advantages and dis-
advantages when compared against each other. Therefore, commercially available stepper and piezo-electric
motors were searched for and traded off based on the extent to which the motor specification meets the re-
quirements calculated for this application like dimensions, torque, power output, operational temperature
and vacuum-compatible lubrication. The motor’s parameter that meets or exceeds the corresponding re-
quirement is shaded in green; if the parameter does not meet the requirement, it is shaded in red. The motor
that meets most of the application requirements will be selected for use in this application. This trade-off is
presented in the Table (A.14).

In the trade-off carried for the COTS stepper and piezo-motors, it can be seen that the piezo-motors do
not fit the tight dimensional requirements imposed by the system. Another important observation from the
trade-off above is that even though most of the stepper motors seem to provide more than enough power
required by the application, none of them offer enough torque compared to that required by the application.
This leads to the need of a mechanical power transmission system (gearbox) that increases the torque for
a given power output of the motor. This mechanical power transmission system will be discussed in detail
in the next section. The two remaining COTS stepper motors (Faulhaber DM0620 [75] and Micromotion’s
MaalonDrive HighAcc 6mm - Type 3 motor [76]) seem to satisfy an equal number of requirements by the
application. Therefore the trade-off is advanced by going one more level in detail to find the best-suited motor
among the two motors. This is done by considering factors like cost, gearbox availability, space suitability and
lead times. This trade-off is presented in the Table (5.5) below. The advantage of a motor corresponding to
trade-off criteria is highlighted in green, and the disadvantage is highlighted in yellow. Each motor’s total
number of advantages is summed and displayed at the bottom of the table.
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Parameter Faulhaber DM0620-0130 [75]
Micro-motion GmbH MaalonDrive
HighAcc 6mm - Type 3 [76]

Cost
Cheaper (285 euros – includes motor,
gearbox & motion controller circuit)

Expensive (2230 euros)

Gearbox

Compatible gearbox with high gear
ratios (256 to 4096) this would lead
to smaller external gear ratio require-
ment

Compatible gearbox with low GR
(120) this would lead to bigger exter-
nal gear ratio requirement

Space suitable
Does not have space-grade lubri-
cation or vacuum compatible (re-
lubrication maybe possible)

Can be customised to have space-
grade lubrication

Lead time

Motor & gear-box have a short lead
time but motion control electronics
not in stock. Electronics can be cus-
tom designed as well

Motor & gear-box have a long lead
time (15-18 weeks)

Total advantages 3 1

Table 5.5: Faulhaber v/s Micro-motion trade-off

It is very evident from the above table that the Faulhaber DM0620 [75] is better suited for this application
than the Micromotion’s stepper motor. Therefore, this motor will be considered for the design of the SADM.

5.2.4. Summary
The stepper motor is the right rotary actuator technology for this application because of its positional accu-
racy and good low RPM performance (absence of cogging torque). The Faulhaber DM0620 stepper motor
was the best-suited one considering power, cost, shorter lead times and gearbox availability. With this, the
research question 2a has been answered. It was also found that a mechanical power transmission system
(gearbox) was required to alter the torque produced by the motor to achieve a higher torque value which the
current application needs.
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5.3. Mechanical power transmission element design
In the previous section, it was found that the rotary actuator provides enough power required to rotate the
solar arrays but not enough torque and to resolve this, using gear as a mechanical power transmission mech-
anism was considered. Gears can be combined with the motor to produce the desired output torque and
rotational speed for particular motor input power. The gears can be included as a part of the motor (as a
gearbox) or external or can be combined together to achieve a particular gear ratio. The main parameter to
select and size the gear is the gear ratio. This section will describe the calculation of the gear ratio required
for this application, followed by the selection of the type of gear and its design process.

5.3.1. Purpose
The transmission gear is required for 2 main purposes:

1. To match the actuator’s torque & speed characteristics with the load’s (solar panel) torque & speed
requirements. The graph (5.8) below compares the torque-speed profile for the actuator (A.10) and the
solar panels (4.7). As it is visible that the two of them do not coincide, the function of the transmission
gear would be to bridge the gap and make sure the actuator’s torque and speed output is matched to the
solar panel’s torque & speed requirement. It can be seen from the Figure (5.9), that the motor actually
provides lower torque for a range of higher rotational speeds in the magnitude of 1000 RPMs whereas
the solar arrays need a higher torque at a range of very low rotational speeds almost close to 0 RPM.

(a) Torque v/s speed curve of motor [75] (b) Torque v/s speed curve of load (solar arrays)4.7

Figure 5.8: Difference between torque v/s speed of motor and load (solar arrays)

Figure 5.9: Comparison of the torque and speed curves of the motor and the solar arrays
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2. Prevent direct transmission of design loads on motor shaft: As discussed in section (4.3.3), the solar
panels act as a load source during launch and transmit the force on the shaft that it is connected directly
to. The bearings are the main load-bearing elements, but the transmission gears would be secondary,
which would prevent the launch loads imposed on the solar array to be transmitted to the fragile motor
shaft.

5.3.2. Requirement
Some system requirements also translate to the gears and influence their design. The gears must fit within
the dimensional constraints of the system, which was defined in section (3.2) as less than 6.9 mm. All the
environmental requirements applicable to the system as defined in Table (3.4) are also applicable to the gears.

5.3.3. Theory of gears
This sub-section aims to educate a new reader to the concept of gears by exploring their working principle,
nomenclature used and the process used to size and select them. This is necessary to understand the design
process detailed in the rest of this section.

A mechanical power transmission element
Gears belong to a category of machine elements called power transmission elements. These class of elements
transfer the power from an actuator to the load. As mechanical power is composed of torque and speed, these
elements can transform the input power by altering the torque and speed to suit the requirements of the out-
put. Ideally, such an element would not cause transmission power losses but in real world this is not possible
due to friction. This class of machine elements include gears, power screws, pulleys, chains, brakes, clutches
and belts [134] [188]. In this project, only gears would be dealt with because of their advantages over other
power transmission devices like miniaturisation, allow easy combination to achieve required power output
parameters (torque & speed) and higher efficiency of power transmission which is important for this applica-
tion. They can be classified in to categories based on the position of the shaft axes, peripheral velocity, type
of gear and the teeth position [101].
Using gears of different diameters causes a change in rotational speed among the two. The change in speed
can also be achieved by using gears with different number of teeth. As the speed changes while ideally main-
taining the transmitted mechanical power ,the torque changes in inverse relation to the change in rotational
speed. This relation is expressed in equation (5.1) below.

GR = ω1

ω2
= N1

N2
= T2

T1
= d2

d1
= z2

z1
(5.1)

This system is analogous to electrical power transformer where the voltage and current get stepped up or
down depending on the number turns in the primary and secondary coils as expressed in equation (5.2).

Vp

Vs
= Is

Ip
= Np

Ns
(5.2)

Working principle
Gears in general are cylindrical wheels that transfer mechanical power from one rotating shaft to the other
by inter-meshing teeth. The gears work by the principle of conjugate action. This means that the teeth must
have complementary shape or profile with respect to each other such that they mesh together to produce
constant angular velocity when meshing. There can be many possible shapes for this, but gears commonly
make use of an involute profile. This is because of with such a curve, the point of contact always occurs at the
tangent to the two surfaces and the instantaneous forces are directed along the normal as shown in Figure
(5.10c). Another reason why involute curves are the most prevalently used profile in gears is because they can
tolerate change in center to center distance without causing an effect on the constant angular velocity motion
desired. The constant angular motion is required from the gears to maintain a constant torque profile.

Common terminologies
• Pitch circle: The theoretical circle upon which all calculations are usually based; its diameter is the

pitch diameter. The pitch circles of a pair of mating gears are tangent to each other.
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• Module: The ratio of the pitch diameter to the number of teeth.

• Addendum: The radial distance between the top land and the pitch circle. The circle with a radius of
the of the addendum is called as the addendum circle.

• Dedendum: The radial distance from the bottom land to the pitch circle. The circle with a radius of the
of the dedendum is called as the dedendum circle.

• Pinion: The smaller of two mating gears, it usually the driver.

• Circular pitch: The distance measured on the pitch circle, from a point on one tooth to a corresponding
point on an adjacent tooth.

• Clearance: The amount by which the dedendum in a given gear exceeds the addendum of its mating
gear.

• Backlash: The amount by which the width of a tooth space exceeds the thickness of the engaging tooth
measured on the pitch circles.

• Line of contact: When a pair of involute gears is meshed, the contact occurs on the line of contact and
the contact point moves along the line of contact.

• Pressure angle: The angle formed by the radial line and the line tangent to the profile at the pitch point.

(a) Gear terminology

(b) Nomenclature of circles in gear layout

(c) Nomenclature of pressure line and pressure angle

(d) Tooth action

Figure 5.10: Common gear nomenclature [104] [111]
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(a) Simple gear train (b) Reverted gear train (c) Non-reverted gear train (d) Planetary gear train

Figure 5.11: Types of gear trains

General selection & sizing process
The first step in choosing the right gear for an application is by calculating the gear ratio that the application
requires. This is then followed by selecting the number of teeth on pinion and gear. The module of the mating
gears are then matched by considering the dimensional constraints. This is then followed by material selec-
tion, calculation of pitch line velocity and force on the gear such that it does not exceed the strength limits
[111]. The force on the gear face is given Lewis’s equation. Some sources like the American Gear Manufac-
turers Association (AGMA) also suggest designing the gear to withstand failure due to surface pitting [114].
Based on the gear ratio required and the application’s design constraints, multiple gears can be combined
together in different configurations to achieve the required gear ratio. Gears as a single component are not
much useful, they are usually combined with each other to form a compound gear train or planetary gear
train that multiplies the torque or speed ratios based on how they are combined together. Compound gear
trains can be classified in to simple, reverted and non-reverted [111]. Reverted gear trains have co-axial in-
put and output shafts rotating in opposite directions. Non-reverted compound gear trains have non co-axial
shafts that rotate in the same direction. The different gear trains are shown in Figure (5.11).

5.3.4. Gear ratio calculation
As learned from the previous sub-section detailing the theory of gears, it was learned that finding the gear
ratio required for the application is the first step in choosing the right gear and its configuration for an appli-
cation. This section will calculate the gear ratio required for this application by considering different optimi-
sation cases.
There are three main ways to optimise the right gear ratio for this application by considering different factors.
These optimisation cases are listed below:

1. Inertia matching: The inertia of the load as seen by the motor would be unity by increasing the gear
ratio until the inertia ratio (inertia of load/inertia of motor) is close to unity.

2. Torque matching: As the torque provided by the motor is lower than that required by the solar arrays,
the gear ratio can be increased until the torque provided by the actuator and the gearbox is higher than
the required torque.

3. Maximum power point matching: The gear ratio could be optimised such that the maximum power
produced by the motor corresponds to the maximum power required by the load. This ensures optimal
power transfer between the two systems with the least losses.

Each of these cases will be explored in detail, and the optimum gear ratio considering each case will be cal-
culated in the subsequent sub-sections.

Inertia matching
Matching an actuator’s inertia to the solar panel’s inertia is desirable to improve the loading’s positioning
accuracy and smooth motion. The inertia is matched using a gearbox [118][147]. In case the inertia of the load
is greater than the actuator’s rotor, when the load is accelerated, due to the load’s high inertia, it will tend to be
in motion according to Newton’s second law and will overshoot the desired position and will try to return to
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the equilibrium position (position with least magnetic reluctance) after a couple of damped oscillations [95].
This is why it is desirable to match the inertia of the load and the actuator’s rotor. Inertia matching for the
current application will be performed below. Also, the motor’s starting and stopping rates can be achieved
with a lower inertia mismatch. This means the motor can be accelerated from rest to high step rates or quickly
decelerated to rest without a phase lag between the rotor speed and the stator switching speed. An expression
for finding the optimum gear ratio for the motor’s inertia and load to be close to unity is derived below. The
motor torque as a function of the motor’s inertia, gear ratio, angular displacement, damping co-efficient and
angular acceleration is expressed in the equation below:

Tm =
[

Jm +
(

Nm

Nl

)2

Jl

]
θ̈m +

[
Bm +

(
Nm

Nl

)2

Bl

]
θ̇m (5.3)

Equivalent inertia of the system is given by , where gear ratio = r =
Nm

Nl
:

Je = Jm + Jl

r 2 (5.4)

Acceleration of the motor is expressed as:

αm = Tm

Je
(5.5)

Acceleration of load:

αl =
Tm

Je r
= Tm

r Jm + Jl
r

(5.6)

For maximum acceleration of load:
d

dr

(
r Jm + Jl

r

)
= 0 (5.7)

Jm − Jl

r 2 = 0 (5.8)

ropt =
√

Jl

Jm
(5.9)

The motor’s inertia is known from its datasheet. But the load inertia (Jl ) as seen by the motor includes the
inertia of other components that it drives like the gears (JD ), couplings(JC ), external (JE ) load (solar arrays)
and gearbox (JG ). In general, the load gear ratio is expressed in the equation below [193]:

Jl =
JD + JE + JC

GR2
i

+ JG (5.10)

In the expression above, the inertia of the drive system (JD ) and the inertia of the coupling (JC ) can be
eliminated because the inertia of the drive system (gear in this case) is not known and even if it will be known
it can be considered negligible compared to the load and the system does not use a coupling. This results in
the load inertia expression being reduced to:

Jl =
JE

GR2
i

+ JG (5.11)

The inertia of the gearbox (JG ) can be assumed to be negligible compared to the inertia of the solar panels
because the inertia of the motor’s rotor is of the order 0.5 x 10^-9 kgm^2 and the minimum inertia of the solar
panels is 3.33 ∗10^-3 kgm^2. The inertia of the gearbox is not mentioned in the datasheet but with the given
size it is comparable or less than the motor’s rotor inertia.

JG ∼ Jm (5.12)

The inertia of the gearbox can be neglected as it is 10^6 times lower in magnitude compared to the load’s
(solar array’s) inertia.

JL À Jm , JG =⇒ 3.33∗10−3kg m2 À 0.5x10−9kg m2 (5.13)
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The load inertia now reduces to:

Jl =
JE

GR2
i

(5.14)

Substituting the above load inertia equation (5.14) in the optimum gear ratio equation (5.9), we get:

GRopt =
√

JE

GR2
i × Jm

(5.15)

For the current application, the solar arrays can be rotated along two axes as discussed and calculated in
Table (4.3). The optimum gear ratio equation for the two axes (x and y) of rotation is as shown below:

GRopt−x =
√

Ixx

GR2
i Jm

(5.16)

GRopt−y =
√

Iy y

GR2
i Jm

(5.17)

The optimum external gear ratio required for each case of the gearbox ratios available with the motor
(A.12) was calculated for the x and y-axis of rotation. The final optimum gear ratio for each internal gearbox
option was calculated as the average of the gear ratios required in the x and y rotation axis cases. This result
is summarised in the table (5.6) below:

S No
Internal gearbox

ratio options

Optimum external gear
ratio required to reach

unit Inertia ratio in
x-axis & y-axis

Optimum external
gear ratio

1 4 3453 and 645 1899
2 16 863 and 161 512
3 64 215 and 40 127
4 256 53 and 10 31
5 1024 13 and 2 7.5
6 4096 3.3 and 0.6 1.95

Table 5.6: Optimum external gear ratio for different internal gearbox ratios and axis of rotation

Rotational speed matching
To match the rotary actuator’s output to the gear, the maximum required rotational rate of the solar panels
is matched to the mid-point of the operation range of the stepper motor. The mid-point of operation limit
was chosen because, at the maximum RPM point of the stepper motor, the torque diminishes to zero, but
the current application requires maximum torque during the maximum RPM operation. Whereas, at the
beginning of the stepper motor’s torque-speed curve, the torque is maximum. But a low RPM point on the
motor’s torque-speed curve was not chosen because as shown in the graph (5.8a), the initial phase has a lot
of torque irregularities. This may be due to the static friction of the motor’s bearings. It would not be ideal
to operate the motor in such a regime, considering the smoothness of operation desired. The low RPM point
was also not chosen because it gives a very small envelope over the curve to map the motor’s output to match
the solar panel’s torque-speed requirement. Furthermore, if a point on the actuator’s torque-speed curve
corresponding to a lower RPM was chosen to size the gear, then all the different operating speeds of the solar
panel have to be matched to the actuator’s torque-speed profile starting from 0 RPM to that low RPM point.
The mid-point on the motor’s torque-speed curve roughly corresponds to a RPM of 5250 and a torque of
0.1172 mNm. The maximum speed required by the solar arrays was calculated to be 0.04 rad/s as summarised
in Table (4.7). These rotational speeds will be matched to each other using the gear ratio formula below:

GR = ω1

ω2
= N1

N2
= T2

T1
= d2

d1
= z2

z1
(5.18)

79



5. Detailed system design

On calculating the gear ratio for the rotational speeds of the motor and the solar arrays:

ω1

ω2
= 5250× 2π

60

0.04×2
= 13745 (5.19)

GRopt−2 = 13745 (5.20)

The above value of gear ratio is large, therefore multiple gears have to be combined to achieve this gear
ratio. The motor already has compatible gearboxes with different gear ratios ranging from 4 to 4096 (A.12).
The value of gear ratio required for an external gear for different options of motor’s gearbox to attain the
calculated gear ratio of 13745 was calculated and the results are presented in Table (5.7).

S No
Internal gearbox

ratio options
Total external
gear ratio required

Optimum gear ratio of
additional external

gear
1 4 13745 3436
2 16 13745 859
3 64 13745 215
4 256 13745 54
5 1024 13745 14
6 4096 13745 3

Table 5.7: Optimum external gear ratios required for different internal gearbox ratios for rotational speed matching

The amplification in torque for the calculated total gear ratio can be calculated as:

Gr = T2

T1
= T2

0.1172
= 13745 =⇒ T2 = 1.61N m (5.21)

The calculated torque is very well over the maximum torque requirement calculated for the solar arrays
which was 3.816 mNm.

Maximum power point matching

Figure 5.12: Power versus RPM curve of the actuator

As shown in the figure (5.12) above, the actuator delivers maximum power at a point close to the mid-point
of the curve. This point corresponds to a RPM of 6100 and a power output of 65.6 mW. The solar array’s
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maximum power demand point, as summarized in table (4.7) can be matched to this point so that the power
transfer is efficient. The maximum power point of the actuator also corresponds to the maximum efficiency
point of the motor. The solar array’s maximum power demand point corresponds to a RPM of 0.04 and the
power demand at this point corresponds to 0.153 mW. If the gear ratio were to be calculated for this case,
to step down the speed of the motor to that required by the solar panel during its maximum power point
demand, we get the gear ratio as calculated below:

ω1

ω2
= 6100× 2π

60

0.04
= 15970 (5.22)

Similar to the previous cases, the above gear ratio value is large. Therefore, multiple gears have to be
combined to achieve this gear ratio. The value of gear ratio required for an external gear for different options
of the motor’s gearbox to attain the calculated gear ratio of 15970 was calculated and the results are presented
in Table (5.7).

S No
Motor gearbox
ratio options

Total external
gear ratio required

Optimum gear ratio of
additional external

gear
1 4 15970 3992
2 16 15970 998
3 64 15970 250
4 256 15970 62
5 1024 15970 16
6 4096 15970 4

Table 5.8: Optimum external gear ratios required for different internal gearbox ratios for maximum power point matching

Considering the low mechanical power requirement of 0.153 mW, it is not crucial to optimise for efficient
power transfer but the optimum gear ratio calculated for rotational matching is very similar in magnitude to
optimum gear ratio calculated for maximum power transfer. Both of these gear ratios are very high in the
order of 104. The optimum gear ratio calculated for inertia matching is also in the same order of magnitude.
With such high gear ratios, the mechanical power transfer efficiency drops as the power transfer efficiency is
indirectly proportional to gear ratio. This behaviour is caused due to the friction involved in achieving such
high gear ratios. In such a case, where the efficiency drops, it is desirable to consider optimising for maximum
power transfer.

Summary of gear ratio calculation
The optimum gear ratios considering inertia matching, maximum rotational speed matching, maximum
power transfer and efficiency matching were carried out. Each of these cases had an optimum gear ratio
which was almost comparable in value. In order to have a gear ratio value optimal for this application, an
average of the three gear ratio values will be taken and considered for the next step in gear selection. The
average gear ratio value of the three cases is taken to attain a gear ratio close to the optimal value for all three
cases. This can be considered as the global optimum gear ratio for the application. This averaged value of the
gear ratio is presented in the table (5.9).

Motor gearbox
ratio options

(GRi )

Optimum gear ratio
for inertia matching

Optimum gear ratio
for rotational speed

matching

Optimum gear ratio
for maximum power

point matching

Average optimal
gear ratio

(GRopt−av g )

Total optimal
gear ratio

(=GRi ×GRopt−av g )
4 1899 3436 3992 3109 12436

16 512 859 998 790 12640
64 127 215 250 197 12608

256 31 54 62 49 12544
1024 7.5 7.5 16 12.5 12800
4096 2 2 4 3 12288

Table 5.9: Optimal gear ratio

It is important to note that the total gear ratio required is almost constant, which is approximately around
12522 (with a maximum deviation from central of ±278) for all the cases, it is only the motor’s gearbox ratio,
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and the external gear ratio required that changes to meet this total gear ratio. For the minimum optimal
gear ratio of 12288 and mid-point operation of the rotary actuator (RPM = 5250, Torque = 0.1172 mNm), the
amplification in torque can be calculated as:

Gr = T2

T1
= T2

0.1172
= 12288 =⇒ T2 = 1.44N m (5.23)

The calculated torque is well over the maximum torque requirement calculated for the solar arrays, which
was 3.816 mNm. This shows that the motor with a gearbox combination is capable of providing more than
adequate torque than what the application requires as opposed to just using the motor.

5.3.5. External gear design
Now that the optimal gear ratio required for the application is known, the next step would be to find the right
gear type that matches this gear ratio and the system’s design requirements and constraints. To achieve this
goal, the gear types would be explored and then traded off based on their applicability to the requirements.

External gear design options
Gears can be classified based on the arrangement of their axes as parallel, intersecting, non-intersecting and
other gears. Parallel, intersecting, and non-intersecting axes gears are suggestive of their names and relates
to their arrangement of axes. The category of other gears is used for special purposes like timing and profile
generation. The classification of the gears is shown in the figure (5.13) below:

Figure 5.13: Gear design options

A brief description of each gear type is given below:

• Spur gears: They have teeth parallel to the axis of rotation.

• Helical gears: They have teeth inclined to the axis of rotation. The inclined teeth make them less noisy
because of the gradual engagement and disengagement of the teeth.

• Internal gears: They are spur gears or helical gears with teeth on the inside rather than the external
surface.
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• Bevel gears: They have teeth formed on conical surfaces and are used for transmitting motion between
intersecting shafts. they also have a variation where the teeth form a circular arc and are called as spiral
bevel gears

• Face gears: face gears are also used to transmit motion between intersecting shafts, but unlike bevel
gears, their teeth are formed on cylindrical surfaces.

• Cross-axis helical gears: They have inclined teeth & transfer motion between non-intersecting shafts.

• Worm gear: Worm gears use a screw-like element called the worm, which engages with a circular
gear with mating teeth called the worm wheel. They are made so that one gear’s teeth partially wrap
around the other. Based on the direction of the thread, they are further classified as right-handed or
left-handed. They can achieve higher gear ratios in a compact space than other gears and have self-
locking properties. This means the gear cannot drive the pinion due to high resistance torque caused
by friction of the teeth in the reverse direction.

• Hypoid gear: These gears are similar to spiral bevel gears in terms of the teeth profile, except that their
axes are non-intersecting and offset with respect to each other.

• Spiroid gear: Spiroid gear combines worm as a pinion and hypoid gear as the driven gear.

External gear type trade-off & selection
In this sub-section, the gear types among those that were described in the previous sub-section will be traded-
off and the most suitable one will be selected. There are three main criteria for selecting the gear type suitable
for an application:

1. Gear ratio: Six options of gear ratios based on the gear ratios of the motor’s gearbox and the optimum
conditions of maximum power transfer, rotational speed matching and inertia matching were arrived
upon in the previous sub-section (5.3.4) and summarized in Table (5.15).

2. Dimensional constraints: The dimensional constraints required for this application were defined in
section (3.2), where the housing had a height limit of 6.9 mm including the shielding.

3. Axes arrangement suitable for design: As gears are classified based on their relative position, the ar-
rangement axes preferable for the design is very crucial in selecting the right type of gear for the appli-
cation.

Each of the gear types described in the earlier section (5.3.5) have a useful gear ratio range within which
they are applicable, this is summarized in table (5.10).

Gear type Ratio range Efficiency (%)
Spur 1 to 6 98-99

Helical 1 to 10 98-99
Bevel 1.5 to 5 93-97
Worm 5 to 75 98-99

Crossed helical 1 to 6 -
Hypoid 10 to 200 80-95
Spiroid 10 to 400 -

Table 5.10: Gear types and their useful gear ratio range[111, 192]

The motor’s gearbox gear ratio options and the corresponding external gear ratio required was calculated
in Table (5.9). The table (5.11) below lists these options and graphically depicts the trade-off performed. The
options that have been eliminated are in red and the selected option is highlighted in green. Each option’s
suitability for the requirements will be detailed in this sub-section.
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S No
Motor gearbox
ratio options

Average optimal
gear ratio

Applicable
gear type

Total optimal
gear ratio

1 4 3109 None 12436
2 16 790 None 12640
3 64 197 Spiroid, Hypoid, Worm 12608
4 256 49 Spiroid, Hypoid, Worm 12544
5 1024 12.5 Spiroid, Hypoid, Worm 12800

6 4096 3
All parallel and

intersecting axes gears
12288

Table 5.11: Optimal gear ratio

• Gear ratios greater than 400: Based on the useful range of the gears listed in table (5.10), it can be said
that a gear ratio of more than 400 cannot be attained with a single gear. Therefore, the options of using
a motor gearbox with ratios 4 and 16 corresponding to a single-stage external gear with a gear ratio of
3109 and 790, respectively are not feasible. This leaves gear ratio combination options 3, 4, 5 and 6 with
external gear ratios of 197, 49, 12.5 and 3, respectively, for the trade-off.

• Non-intersecting axes gears: Fours types of gears fall under the category of non-intersecting gears -
Worm, spiroid, hypoid and cross-axis helical gears. These gears have an advantage over the other gear
families as they can provide a high gear ratio with just one gear. These gears are suitable for gear ratio
combination options 3 and 4 that require a gear ratio of 197 and 49, respectively. But, this gear family is
unsuitable for this application for the reasons stated below.

Figure 5.14: Non-intersecting axis gear configurations[89]

– Spiroid and hypoid gears:The spiroid and hypoid gears have the advantage of applying to a wide
range of gear ratios from 10 up to 200 as shown in table (5.10). This makes these type of gears
a good match for option 3 in Table (5.11), where a gear ratio of close to 200 is required from the
external gear. As a rule of thumb, the gear ratio is directly proportional to the ratio of the number
of teeth on the pinion and the gear. This means that around 200 teeth would have to be fit on gear
to achieve a gear ratio of 200, this would be dimensionally incompatible. Moreover, commercially
available spiroid and hypoid gears have a beginning diameter of 38 mm [73]. As these gears are
non-intersecting, they would have to be placed in a non-intersecting manner, which means that
they would be non-planar and would thereby violate requirement SADM-DES-004.

– Worm gear: Worm gears are applicable for the gear combination options 4 and 5, which requires
an external gear with ratio 49 and 12.5 respectively. The worm gears are applicable for a gear
ratio range of 5 to 75 as shown in Table (5.10). But they are non-intersecting axes gears, meaning
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they have to be placed perpendicular to each other. There are multiple ways in which this can
be achieved, as shown in Figure (5.15) below. By keeping the gears in two orthogonal planes of
the CubeSat, the SADM housing becomes L-shaped to house the gears. This would result in the
housing taking up the volume available for the solar panels on the sides. This was restricted by
AAC Hyperion’s design requirement according to design requirement SADM-DES-004. Therefore,
the worm gears are eliminated from consideration in this application.

Figure 5.15: Worm gear configurations

– Cross-axis helical gear: Cross gears also belonging to the family of non-intersecting gears have to
be placed orthogonally to function as intended, which would lead to the same drawback and will
hinder the same design requirements as discussed for worm gears. Therefore, this gear will also
be excluded from consideration. This leaves only gear combination option 6, which requires an
external gear ratio of 3.

• Other gears: These gears are used for special purposes like timing and profile generation or path fol-
lowing. This application does not require any such special requirements. Therefore, this family of gears
are not suitable for this application.

• Parallel axis gears: The only gear combination option that remains now is option 6, which requires an
external gear ratio of 3. The family of parallel axes gears is unsuitable for this application because it
elongates the housing along one dimension, as shown in Figure (5.16). This makes the housing extend
the design dimension limit of 83 x 83 x 6.9 mm as defined in section (3.2). It is important to note that
parallel axis gears can be combined together in the form of epicyclic or other compound gear trains to
reach any external gear ratio. But this is being implemented within the gearbox of the motor. Imple-
menting a compound gear to reach a gear ratio is not attractive for this application as it will increase the
number of components that are hard to assemble and unnecessary. The other main use of the external
gear in this case, apart from reaching the optimal gear ratio, is to prevent the launch loads from directly
acting on the motor shaft.
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Figure 5.16: Motor with parallel axis gear

Therefore, the only remaining option now is the intersecting axes gear and especially the bevel gear.
This gear will be used to design the external gear for a gear ratio of 3 as computed in Table 5.9.

External gear sizing
The bevel gear has to be sized for a gear ratio of three. The first step to sizing the gears is to fixate on the pitch
circle diameters corresponding to the gear ratio as expressed in the equation 5.24 below. Where, d1 denotes
the pitch circle diameter of the driver or pinion gear and d2 denotes the pitch circle diameter of the driven
gear.

GR = d2

d1
(5.24)

A pitch diameter of 1mm would be too small to fabricate, a pitch diameter of the pinion is taken as 2mm
which would lead to driven gear pitch diameter of 6mm for a gear ratio of 3 as per equation 5.24 which is
below the housing height limit of 6.5mm. A pitch circle diameter increment of 0.5 mm in the pinion gear
would lead to driven gear pitch diameter (7.5mm) to exceed the height limit. So, the pitch circle diameters
of the driver and the driven gear are fixed to 2 mm and 6 mm respectively. The next step is to fix the number
of teeth and match the modules of the gear. The relation between the gear ratio and the number of teeth are
expressed using equation below:

GR = T2

T1
(5.25)

A minimum of six pinion teeth is required to ensure a circular profile and even inter-meshing of the gears.
For a gear ratio of 3, this would lead to 18 teeth on the driven gear. The module for both these gears is given
by the equation below. The module is 0.3 for both the gears, thereby matching them to inter mesh.

m = d

T
(5.26)

The gear geometrical parameters are calculated using the equations in Table A.15, the values calculated us-
ing the formulas are stated in the Table 5.12 below. This gives the geometric parameters of the gear for the
required gear ratio of 3 and pitch circle diameters.

Gear parameter Value for pinion Value for driven gear
Shaft angle 90 degrees

Pressure angle 20 degrees
Number of teeth 6 18

Cone distance 2.85 mm
Tooth width 0.95 mm
Addendum 0.3 mm
Dedendum 0.375 mm

Tooth height 0.675 mm
Tip diameter 2.37 mm 5.59 mm

Table 5.12: Gear parameters for pinion and driven gears
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Material selection

Gears can be made of two types of materials - metals or plastics. The most commonly used metals for gears
are bronze because of their high surface hardness properties and corrosion resistance. Both metals and plas-
tics have their advantages and disadvantages. The SADM has some special requirements. The SADM has
to survive launch environment where there are vibrations as defined in SADM-ENV-007 that are transmitted
from the stowed solar arrays to the shaft and eventually to the gears. Metal gears undergo plastic deformation
under vibration loads but plastics are good at absorbing such vibration loads and therefore their lifetime is
longer. Plastics are much durable to wear as compared to metals. Moreover, plastics have much lower elastic
modulus as compared with metals this means that they will undergo lower deformation than metals. This
again means that plastics will have a longer life due to reduced deformation. Metals require lubricants ap-
plied on their surface to ensure smooth rotation, whereas plastics can rotate without lubricants. Lubricants
applied to rotating plastic surfaces can definitely reduce friction and decrease wear, but considering the high
surface smoothness of plastics, this is not absolutely necessary. Considering the requirements of the current
application to survive launch vibration loads and to prevent usage of lubricants, plastics will be considered
for the gear material and metals will not be considered further.

Figure 5.17: Gear material options

Among plastics, common materials used for gear fabrication include Nylon, Poly Ethyl Ether Ketone
(PEEK) & Polyoxymethylene (POM). The most suitable material among these three options are selected by
considering tensile strength, melting point, co-efficient of thermal expansion and surface hardness as mea-
sured by Rockwell Hardness-D testing standard. It is desirable to have the gear material with high surface
hardness so that the shock and vibration loads do not create dents on the surface. Low co-efficient of ther-
mal expansion is desirable because the thermal loads will cause warping of the material and would lead to
unwanted behaviour such as change in clearance between the teeth. The melting point of 125 degrees was
chosen considering the maximum operation temperature as defined in SADM-ENV-003. All the three plastic
materials seemed to adequately meet this requirement of melting point. Maximum tensile strength is re-
quired from the gear material because it must withstand the stress caused by bending at the root of the teeth.
Considering these trade-off criteria, the parameter meeting the requirement is highlighted in green.
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Material

Tensile
strength
ultimate
(N/mm2)

Melting
point

(C)

Avg Co-efficient
of thermal
expansion
(µm/mC)

Rockwell
Hardness
Shore-D

Requirement Max >125 C Min Max
Cast Nylon [88] 75.3 220 82.2 81.1

Unreinforced PEEK [84] 99.5 340 115 85.6
Unreinforced POM [85] 56.6 167 108 81

Table 5.13: Material selection for gears

As highlighted in the trade-off table above, unreinforced PEEK met most of the trade-off criteria and has
been selected as the material of choice for the gears.

5.3.6. Summary
A motor gear box with a gear ratio of 4096 and an external bevel gear with a gear ratio of 3 was designed
to optimise the gear for inertia matching, torque amplification and maximum power transfer. The bevel gear
will be placed at 90 degrees with respect to each other and will be fabricated out of PEEK material considering
shock absorption, elimination of lubricants and low wear compared to metals.
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5.4. Interface selection & sizing
Interfaces form an important aspect of any system as they allow it to interact by exchanging data, transferring
mechanical load or electrical power with other systems. In this section, the interfaces pertaining to the SADM
will be designed and selected. For this purpose, firstly, the different types of interfaces required by the SADM
are discovered in sub-section 5.4.1. The specifications for these interfaces are translated from the system
requirements in section 5.4.2. The interface sizing and selection are carried out based on these requirements.
Three kinds of interfaces were found to be required by the SADM - mechanical, electrical and data. The
mechanical interface for the SADM is sized and selected in section 5.4.3 followed by the selection of data
and electrical interface for the SADM in section 5.4.4. The chapter culminates with a brief summary of the
highlights in section 5.4.5.

5.4.1. Purpose

Figure 5.18: System interface diagram

The SADM is a sub-system made of multiple elements. The SADM can work only if the elements are in place
and can communicate with each other. Similarly, the CubeSat can work properly only if its systems can com-
municate. The SADM is also connected to other systems of the CubeSat and is dependent on them for its
functioning. The SADM transfers the power generated by the solar panels to the EPS of the CubeSat, which
distributes the power to the satellite’s systems; without the electrical power, none of the other systems of the
satellite can work. The SADM is also connected to the Command and Data Handling (CDH) of the CubeSat
and is dependent on it for commands and data like the satellite’s orientation, for example. Interfaces are
those components that allow these elements to transfer power and data between each other and also ensure
they are held together in place throughout the satellite’s lifetime.

Based on their function, interfaces can be classified into three types - mechanical, electrical and data. Me-
chanical interfaces ensure the components are mechanically constrained and fixed to be held in place during
launch and operation. Electrical interfaces allow the electrical power to be transferred from one component
or sub-system to another. Data interfaces allow data transfer between components.

Mechanical interfaces are required to fasten and mechanically constrain the SADM to the CubeSat struc-
ture. The mechanical interfaces are also required to maintain the position of the elements of the SADM within
its housing. These are usually fasteners.

The SADM needs electrical interfaces to transfer the power generated by the solar panels to the EPS. It also
needs electrical interfaces to receive input power to operate its motor and circuits from the EPS. The SADM
also needs data interfaces to transfer the data generated by the panel-mounted sensors, position sensor and
control circuits from the SADM to the satellite’s CDH. The SADM also receives data like the satellite’s position
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data from other CubeSat systems like the ADCS. The electrical and data interfaces are not two separate types
of components but rather part of a single component. This is because data is also transferred in electrical
pulses where an electrical pulse corresponds to a digital one, and an absence of an electrical pulse is a digital
zero. The electrical and data interface component are usually a COTS connector.

It was found in section (2.3.2) that interfaces were one of the main causes of anomalies in space missions
after tribological sources. As stated below, a research question 2d was formulated pertinent to interfaces.

" How to design (size & select) interfaces that can survive the environmental loads and be
reliable throughout its lifetime? "

This section will answer this research question systematically by translating the system requirements to
the interface components, followed by selecting and sizing the interfaces that meet these requirements.

5.4.2. Requirements
The SADM needs two power and data interfaces, one to connect itself with the goose-wrap’s FPC and the other
to transfer this power to the EPS this is stated in SADM-IF-002 & SADM-IF-001 respectively. And both of these
interfaces must comply with the current and voltage values calculated in section (4.3.2) and defined for the
PDTM. This has been translated to the power interface as stated in the requirements SADM-IF-004 to SADM-
IF-006. The interfaces were required to be attachable and detachable as stated in SADM-IF-003 to make
assembly and troubleshooting easy. As discussed in the previous sub-section, the SADM needs mechanical
interfaces to fix itself to the CubeSat structure as defined in SADM-IF-008.

Identifier Requirement Parent requirement

SADM-IF-001
The system shall have a power and data transfer interface to
connect with the CubeSat mounted systems.

SADM-INT-004 &
SADM-INT-005

SADM-IF-002
The system shall have a power and data transfer interface to
connect with the goose-wrap FPC.

SADM-INT-004

SADM-IF-003
The system shall have interfaces that are detachable
and re-attachable.

-

SADM-IF-004
The power transfer interface shall be capable of handling
2 lines of the maximum current of 1.7 A

SADM-PDTM-001 &
SADM-INT-004

SADM-IF-005
The power transfer interface shall be capable of handling
4 lines of current of 1.2 A

SADM-PDTM-002 &
SADM-INT-004

SADM-IF-006
The power transfer interface shall be capable of
handling 6 lines of the maximum voltage of 97 V

SADM-PDTM-003 &
SADM-INT-004

SADM-IF-007
The data transfer interface shall allow 15 lines that can
handle 0.1A of the panel mounted sensors.

SADM-PDTM-004 &
SADM-INT-005

SADM-IF-008
The system shall have a mechanical interface fixing the
SADM to the CubeSat.

SADM-INT-003

SADM-IF-009
The interfaces shall be compatible with the
environmental conditions.

SADM-ENV-001 to
SADM-ENV-011

Table 5.14: Power and data transfer mechanism requirements

The next step is to size the mechanical interfaces and select the COTS electrical and data interfaces capa-
ble of meeting these requirements; this will be discussed in the forthcoming sub-sections.

5.4.3. Mechanical interface sizing
Mechanical interfaces are required to mount and fix the SADM to the CubeSat structure. There are multiple
mechanical fastener options like rivets, screws, adhesives, pins, keys, welding, etc. The bolts are chosen as
the fastener for this application as they are easily attachable and detachable as required by this application
and stated in SADM-IF-003. Bolts work by engaging a spiral tooth form with a mating spiral cavity in the part
required to be fixed. The bolt is driven into a nut with the mating spiral cavity to fix and tighten the bolt on
the other end.
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(a) Bolt nomenclature (b) Force diagram of bolt under preload

Figure 5.19: Nomenclature & forces of a bolt joint

The effective working of a bolt is defined based on three criteria as defined by NASA [110]:

1. Bolt and joint must have adequate strength.

2. Joint must not experience separation under loading.

3. Bolt must have adequate fracture and fatigue life.

There are four steps involved in sizing the bolts for an application as defined by ECSS standards [72]:

1. Define loads: To meet the effective working criteria, the first step to sizing bolts is to define the loads
acting on them, both mechanical and thermal.

2. Compute preload by considering safety margins & failure modes: The next step is to define the size
and preload of the bolt. Bolts are usually pre-loaded such that they are in tension, and the materials
under union are under compression force, as shown in Figure (5.19b). The bolt is said to be failed
when the materials under union can move relatively, as stated by the second criterion. This would
violate the bolt’s purpose, which occurs when the bolt’s preload is lost. The bolt under preload takes
up the external force applied; if the launch-induced forces exceed the bolt’s preload, it fails. Therefore,
the main criteria to size the bolt is to define the preload in such a way that it is less than the launch-
induced force acting on the bolt and also to make sure that the stress induced in the bolt due to preload
is lower than the material’s tensile strength. The bolt can also expand or contract and change internal
stress with strain caused by the change in temperature. It is important to also consider this effect will
sizing the bolt. This way, the first and second working criteria are met by the bolt. The third criterion for
sizing the bolt is considering the fracture and fatigue life caused by dynamic (magnitude varying with
time) and cyclic loads. The spacecraft experiences dynamic loads only during launch, usually for a few
minutes. The dynamic load acting for such a short period cannot cause significant fatigue loads on
the bolts; therefore, this criterion can be neglected for the current application. Moreover, the dynamic
launch load has been converted to static load and has been used to calculate the maximum launch
force expected for this system in section 4.3.3.

3. Take precaution against corrosion & define preload method: The next step is to consider environmen-
tal factors like corrosion and take necessary precautions to mitigate them. This is followed by specifying
the lubricant, if required and the preloading method.

4. Quality control & testing: Once the bolted joint has been sized and designed, the acceptable variations
must be specified. The variations include process variations (surface finish, preload ,etc), material
variations (strength, friction and corrosion) and dimensional tolerances. As a final step, based on the
criticality of the joint, it can be tested for strength, fatigue or corrosion.

It was found that the maximum force on the system occurred during launch in all three directions on
the shaft with a magnitude of 250N. The SADM being rectangular in shape requires a minimum of 3 fixation
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points to constrain its motion in all six degrees of freedom. This would mean that the bolts are arranged in
a triangular position relative to each other. This would result in one bolt overloaded than the other two in
the front. This is because the load from the solar arrays is transferred to the shaft, which transmits the force
to the bearings, which in turn will transmit the force to the SADM’s housing; the housing has four edges on
which it rests on the CubeSat structure and thereby transmits the launch force to the CubeSat structure via
its bolts. If four edges were to transmit this force through three bolts, one of the bolts would transmit the load
from three edges. If four bolts were utilised, each bolt would be in the load path of two edges. Thus, all of
them will experience the same load distribution. Therefore, the author will consider four fixation points so
that all the bolts are equally loaded by the four edges. The launch force of 250N will be split equally among
these four bolts as calculated below. The bolt material preferred by AAC Hyperion was Stainless steel grade
304 [71], whose properties will be used in the calculations.

Fbol t =
Fl aunch

Nbol t s
= 250

4
= 62.5N (5.27)

The design condition for the bolt is that it should be capable of handling more preload force than the
launch force, and the stress induced in the bolt due to preload should be lower than the tensile stress of the
bolt material so that failure is avoided. This is expressed as shown below:

Fpreload > Fbolt & σbolt <σtensile (5.28)

The stress induced in the bolt due to the preload force is expressed in the equation (5.29) below:

σbol t =
Fpr eload

πd 2/4
(5.29)

The bolt manufacturer usually specifies the tightening torque, the preload force induced in the bolt of
diameter (d) due to this torque on the bolt is expressed in the equation (5.30) below. k, is the nut factor that
considers the part of the applied torque that goes into overcoming the friction in the threads and tensioning
the bolt. The nut factor depends on the lubricant used and the bolt material, various such nut factors for
different cases are mentioned in Figure (A.25). For the current application, an unlubricated steel fastener is
considered; therefore, the nut factor used will be 0.2, as mentioned in the Figure (A.25).

τ= kdFpr eload (5.30)

If the nut factor were to be expanded, the tightening torque consists of 3 components which include i)
torque needed to stretch the bolt ii) the torque needed to overcome the friction of bolt threads & iii) torque
needed to overcome the friction between nut & bearing surface. These terms correspond to the terms in the
order they appear within the parentheses of the equation (5.31). A typical distribution of torque between
these components is 10% for stretching the bolt; 30% of the torque is absorbed by the friction in threads, 50%
of the friction is absorbed by friction under the head of the bolt or nut and 10% by the self-locking thread if
such a nut is used.

τ= Fpr eload (
p

2π
+ µt rt

cosβ
+µnrn) (5.31)

The preload force and the stress induced in the bolt due to this preload force for different bolt sizes were
calculated using equation (5.30) & (5.29) respectively and have been summarized in Table (5.15). The tight-
ening torques were taken from the manufacturer’s data sheet as mentioned in Figure (A.26).

Metric bolt
specification

Launch load
on each bolt (N)

Specified tightening
torque (Nm)

Calculated preload
for specified torque (N)

Stress due to
preload (N/mm2)

Tensile strength
(N/mm2)

M2 62.5 0.16 400 127.32 200
M3 62.5 0.6 1000 141.47 350
M4 62.5 1.1 1375 109.42 350
M5 62.5 5 5000 254.65 350

Table 5.15: Bolt preload for different sizes

As shown in the table (5.15) above, all the bolt sizes seem to meet the required design criteria of having
more preload force than the launch force and having lower stress due to preload than the tensile stress. In
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this case, the next factor considered was the tensile strength; the manufacturer had specified a lower tensile
strength for the M2 bolt than the other bolt sizes. The reason is unknown, but a lower tensile strength is not
favourable. Therefore, the next best option will be chosen, which is the M3 bolt. M3 bolts were found to be
adequate to survive the launch loads. Therefore, four M3 bolts will be used to fasten the SADM to the Cube-
Sat structure.
The next steps mentioned in the ESA standards [72] was to consider the corrosive environment and preload-
ing method. Any space-compatible grease lubricants mentioned in [72] can be used if required to prevent
corrosion and reduce friction in threads. The most commonly used preloading method is by using a torque
wrench, but this method induces torsional stress within the bolt. The alternative is to use a hydraulic preload-
ing method that does not induce torsional stress. The author leaves these choices up to AAC Hyperion based
on their AIT requirements and tool availability.

5.4.4. Electrical & data interface selection
As shown in Figure (5.18), the SADM needs a power and data transfer interface that can transfer the power
generated by the solar cells and the data measured by the sensors to the CubeSat mounted systems. The sys-
tem also needed this power and data transfer interface to receive data from the CubeSat CDH and regulated
power supply for the SADM from the EPS. Considering the tight dimensional constraints and weight saving
desired, it is preferable to use one single connector that can serve as the power and data interface. But, it can
be observed from the requirements for the interfaces (3.3) that the power and data interfaces have a profound
distinction in terms of current, voltage and the number of lines required. The power interface requires two
lines with a capability to handle 1.7 A, four lines that can handle 1.2 A and all six lines capable of handling a
voltage of 97V. Whereas, on the other hand, the data interface requires 15 lines that can handle 0.1A current
and voltage in the order of milli-volts. Apart from the power characteristics, the interfaces also had to comply
with dimensional and environmental requirements. This meant a dimensional limit for the interface of less
than 6.9 mm and environmental restrictions like no outgassing, capable of multiple mating and demating
cycles, and operation over a temperature range of -65 to 125C. A market survey was conducted to find a single
connector that can satisfy this broad range of power characteristics and data transfer requirements. Unfor-
tunately, no such connector was found. Thus, two different interfaces were considered, one for transferring
and receiving power with fewer pins and high voltage and current handling capability. A separate interface
for transferring and receiving data with more pins but lower power handling capability. After a market sur-
vey of exploring various companies like TE Connectivity, Amphenol, Souriau-Sunbank and Omnetics, a brief
specification of the two different interfaces that were selected for this application are summarized in Table
(5.16) below:

Power interface
Company & product Omnetics - Micro-D Single row socket A92000-009 (A.27)
Number of pins 9
Current rating 3 A
Voltage rating 600 V
Temperature range -55 to 125 C
Shock strength 50 G
Dimensions (l x b x h) 18.67 x 8.64 x 3.18 mm
Cost 304 €

Mating & de-mating cycles 2000
Data interface

Company & product Omnetics - Dual row Nano-D socket A29100-025 (A.28)
Number of pins 25
Current rating 1 A
Dimensions (l x b x h) 11.94 x 5.72 x 3.56 mm
Cost 190 €

Table 5.16: Selected power and data interface [67] [57]

The above two interfaces were most appropriate for this application’s requirement as they met the dimen-
sional, environmental, voltage and current requirements. Thereby satisfying requirements SADM-IF-001 to
SADM-IF-009.
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5.4.5. Summary
In this chapter, the mechanical, electrical and data interfaces required by the SADM was sized and selected so
that the SADM can be fixed to the CubeSat structure, transfer, receive power and data from CubeSat mounted
systems. Four stainless steel M3 bolts were chosen as the mechanical interface by sizing them considering
preload and strength to withstand launch forces. A 25-pin nano-D connector [57] was chosen as the data
interface between the SADM and the CubeSat mounted systems. A 9-pin micro-D connector [67] was chosen
as the power interface. These interfaces were integrated with the CAD model of the SADM.
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5.5. Power and data transfer mechanism design
In this section, the Power and Data Transfer Mechanism (PDTM) will be explored, selected and designed.
Transferring power and data is one of the main functions of the SADM as described in earlier sections. In
order to design this mechanism, firstly the purpose of the element and the flow of system level requirements
to this element will be set down and the different design options will be explored. The best design option will
be selected based on the option’s suitability to the requirements. The selected technology will be sized and
designed according to the current application’s design requirements and constraints.
From the literature review it was found that the sliprings were the most conventional power and data trans-
fer mechanism used in satellites. It was also found that this system had a lot of issues that caused them to
malfunction and cause mission failures in many cases, as summarized in Table 2.3. The main cause of the
slipring failures was due to their working mechanism that made use of brushes which wore down with oper-
ation and formed debris that caused sparking and short circuit [149]. Therefore, one research objective for
this project was to find and design an alternative power and data transfer mechanism that can overcome the
shortcomings of the conventional slip-ring. To achieve this objective, a research question 2c was formulated
as stated below. Finding an answer to this question would be the main goal of this section.

"How to design a power & data transfer arrangement capable of transferring the maximum
power and data with least degradation over its lifetime in such a way that it overcomes the

shortcomings of conventional sliprings?"

5.5.1. Purpose
The power and data transfer mechanism is supposed to perform three main functions:

1. Allow relative rotational motion between the CubeSat and the solar panels.

2. Transfer the power generated by the solar panels to the CubeSat mounted Electrical Power System (EPS)
with the least losses.

3. Transfer the data generated by the panel-mounted sensors to the CubeSat-mounted systems.

5.5.2. Requirements
The SADM requirements defined in Chapter 2 translate to this element as shown in Table 5.17. The maximum
current and voltage to be transferred were calculated in section 4.3.2 and have been summarized in table 4.12.
It was found that the solar panel connection configuration-2 had the maximum current transferred per line
which was calculated to be 1.7 A and had two lines. The configuration that had the second most current per
line was configuration-4 which was calculated to be 1.2A and had six individual lines. The other connection
configurations had around 0.6 A current in two or six lines. Six power lines are required to make the SADM
capable of applying to all the configurations. Where two lines are capable of carrying 1.7A and 4 of them
are capable of handling 1.2A current. This is the rationale behind the requirement SADM-PDTM-001 and
SADM-PDTM-002. It was also observed that the configuration-5 had the maximum voltage per line as 97 V
and had six lines, this is the rationale behind the requirement SADM-PDTM-003. The system will be designed
to transfer the data generated by three panel mounted sensors as stated in SADM-PDTM-004, because this is
the usual number of sensors mounted on the solar panels as inferred from similar products [19]. The three
common panel mounted sensors include temperature sensor [80, 86, 87], sun sensor [82, 90] and magne-
tometer [77]. Each of these sensors can contain a different number of lines (for example, thermocouples [87]
) have only 2 lines, and some temperature sensors can require up to 10 pins [86] and a customer may not use
all three sensors. Thus, to design the system to be compatible with all these different possible configurations,
the five common lines for most sensors have been considered as the baseline requirement for each sensor.
These five lines include the supply voltage, reference voltage, ground and two communication lines (Serial
Clock Line & Serial Data Line or RS-485 +ve & RS-485 -ve) based on the communication protocol required by
the customer. It was referred from the data sheets of these sensors that they require a maximum of 5V and a
current in the order of a few micro-amperes. Thus a conductor capable of handling 0.1 A will be used so that
it can handle the maximum current from these sensors and will not be too oversized.
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Identifier Requirement Parent requirement

SADM-PDTM-001
The power & data transfer mechanism shall be capable of handling
2 lines of the maximum current of 1.7 A

SADM-FUN-003

SADM-PDTM-002
The power & data transfer mechanism shall be capable of handling
4 lines of current of 1.2 A

SADM-FUN-003

SADM-PDTM-003
The power & data transfer mechanism shall be capable of handling
6 lines of the maximum voltage of 97 V

SADM-FUN-003

SADM-PDTM-004
The power & data transfer mechanism shall allow 15 lines that can
handle 0.1A of the panel mounted sensors.

SADM-FUN-004

SADM-PDTM-005
The power & data transfer mechanism shall allow relative motion between the
satellite body and the solar panels in 1-DOF throughout 360 degrees.

SADM-FUN-001

SADM-PDTM-006
The power & data transfer mechanism shall be compatible with the
environmental conditions.

SADM-ENV-001 to
SADM-ENV-011

SADM-PDTM-007
The power & data transfer mechanism shall have a compatible interface with
solar panels and the SADM’s power distribution circuit.

SADM-INT-004

SADM-PDTM-008 The power & data transfer mechanism shall fit within the housing. SADM-INT-005
SADM-PDTM-009 The power & data transfer mechanism shall have 29200 in-orbit duty cycles. SADM-PER-003

Table 5.17: Power and data transfer mechanism requirements

5.5.3. Power & data transfer mechanism design options and trade-off
Now that the requirements and the research objectives for this mechanism have been set, the design options
for power and data transfer will be explored in this sub-section and their suitability for this application based
on the set requirements will be evaluated. There are six different kinds of power and data transfer design
options as shown in Figure 5.20. Each of their working principle will be briefly detailed after the picture.

Figure 5.20: Power and data transfer mechanism design options

• Slip-rings: Slip rings are the most conventionally used solution for transferring data and power be-
tween a rotating platform and a stationary platform in satellites. The system works based on a simple
principle of electrical conduction, where the power and data from a rotating shaft is conducted to a sta-
tionary ring utilizing conducting brushes or sliding contacts. A stator assembly with conducting brush
is made to be in contact with the rings. The power or data that was conducted to the ring by the rotor
assembly is conducted to the stator assembly via the contacting brushes. They are commercially avail-
able in multiple types and sizes, making them a preferred design option for power transfer in rotating
applications.

• Cables: Cables, in general, are the most commonly used mode of power and data transfer. They have
a simple construction of a cylindrical conductor core covered with an electrically insulating material.
But, cables are used in stationary applications, where once they are connected, they remain fixed. If
these cables were to be flexed continuously the insulator undergoes damage and exposes the conductor
underneath which can lead to accidental short-circuit if these wires touch each other.

• Goose-neck: This mechanism makes use of a Flexible Printed Circuit (FPC) instead of brushes to trans-
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fer power and data between the stationary and rotating rings. The FPC is composed of thin layers of
copper sandwiched between insulating layers using adhesives. The FPC is bent into an U-shape profile
and fixed between the stator and the rotor, and as the rotor moves, the U-part also elastically deforms
and moves along with it to allow relative rotational motion with respect to the stator. Meanwhile, the
copper layer conducts electrical power and transmit data from the rotating to the non-rotating plat-
form. They can be further subdivided into horizontal and vertical goose-neck configurations based on
the orientation of the flexible circuit. This mechanism is designed to allow rotation of the rings only up
to a limited rotation angle which is bound by the minimum bending radius of the FPC. The advantage
of this mechanism is that it does not generate debris and it is very compact.

• Cable wrap: Cable wraps are an arrangement where ribbon-like or sheet-like flat cables are wound in a
spiral manner (like a clock-spring) connecting a rotor and a stator. Due to the limited cable length and
bending radius, the cable wraps only allow a limited rotation angle. Cable wraps are not only used in
satellite power transfer applications but also in the steering wheels of millions of automobiles.

• Twist capsule: Twist capsules use flexible and pre-shaped wire bundles connected to the rotor and
wound around the stator or shaft. The relative rotation causes the twisting of the cable and thus allows
for the limited rotation of the rotor with respect to the shaft. As the rotation is facilitated by twisting the
cables, the rotation capability of the twist capsule is limited.

Broad trade-off
The broad elimination of the design options is carried out by first reviewing the application requirements
and comparing them with the functionality and purpose of the design option. The design option whose
functionality does not meet the application’s requirement is eliminated. This process is described below:

• Cables: They cannot be considered in this application because they are designed for use in stationary
applications and the SADM requires relative motion as its basic function as stated in (SADM-PDTM-
004). Moreover, if cables are repeatedly bent or twisted, they would undergo fatigue failure.

• Slip-rings: This option will not be considered in this application because they have considerable dis-
advantages like brush wear, debris generation, tribological interactions [116], arc generation, mainte-
nance of optimal brush pressure, short-circuiting [164], heating, brush softening at high current densi-
ties [112] and gas breakdown at high voltages [97]. All these failure mechanisms lead to noise in the data
transmitted and increased friction for rotation. Due to these disadvantages, many earlier missions such
as the SeaSat [153] have failed. In spite of these disadvantages the slipring is a common solution be-
cause they are commercially available in various sizes and specifications. Utilising a ready-made power
and data transfer mechanism reduces the design time and thereby makes them attractive for many ter-
restrial applications. The current SADM has strict volume requirements as defined in SADM-PDTM-
008 (height < 6.9 mm) and a very special power transfer requirement than many usual applications in
the sense that it needs two lines for transferring high current of 1.7 A and Considering the mechanism’s
reliability throughout its lifetime, slip-rings will not be considered for use in the current application.

(a) Rusted and pitted slipring (b) Slipring debris (c) Slipring erosion by arcing

Figure 5.21: Failure mechanisms of sliprings [133]

• Twist capsules: This option is not suitable for this application because of multiple reasons.
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– Constraint of limited rotation: Firstly, they only allow limited rotation constrained by the twist-
ing capability of the wire. A simple first order calculation is carried out to find the torque requires
and the resultant torsional stress in the wire when it is twisted by 180 degrees. To allow complete
360-degree accessibility, the conductor should be capable of rotating up to at least 180 degrees
in either direction. The least current that the SADM has to conduct is 0.1 mm. A standard AWG
30 size wire is required to conduct a current of 0.1 A which corresponds to a conductor diameter
of 0.255 mm [78]. The 0.1 A wire diameter is chosen for this calculation because of the least di-
ameter this corresponds to. Wires are usually constructed by bundling smaller diameter wires to
form a bigger one, therefore a wire that has to conduct 1.7 A will have a diameter of around 0.723
mm corresponding to a AWG 21 size wire composed of a bundle of smaller diameter wires. The
diameter of these smaller wires are manufacturer dependent and not mentioned in data-sheets
therefore the conductor diameter corresponding to carry 0.1 A is chosen to get an estimate for all
the cases and the relation between wire diameter and stress. The first step is to calculate the polar
moment of inertia of the wire:

J = πR4

2
= 4.15×10−16N m4 (5.32)

Nextly, the torque required to twist a wire of unit length (1m) by 180 degrees (π radians) is calcu-
lated:

T = αL

JG
= 3.1416×1

4.15×10−16 ×4×1010 = 1.9×105N m (5.33)

The torsional stress induced in the wire resulting from the 180 degree rotation is calculated as:

τ= T R

J
= 1.9×1050.1275×10−3

4.15×10−16 = 5.8×1016N /m2 (5.34)

As shown below, the torsional stress induced in the copper wire is more than the yield stress of
copper (3.33 ×107 N /m2). This would result in the inelastic deformation of the material and fa-
tigue failure.

τ>σy −→ 5.8×1016N /m2 > 3.33×107N /m2

Substituting the polar moment of inertia (5.32) and the torque equation 5.33 in to the torsional
stress equation, we get a relation as shown below which shows that the torsional stress is inversely
proportional to the 8th power of the wire’s radius.

τ= 4αL

GπR8 (5.35)

It is possible that the individual strands of conductor used to build the individual wires are even
smaller than 0.255 mm in diameter. In this case according to equation 5.35 the stress in wires will
still be larger than the yield stress of Copper. It is possible to get a customised wire with higher
flexibility but this will make procurement expensive, long and will hinder with the requirement to
use COTS components as much as possible.

– High resistive torque: Also, the torque required to rotate the system would be very high as it
would have to twist the cable resulting in storage of potential energy in the cable and releasing
them during unfurling. This is also the cause non-linear behaviour of the wire with twist angle.

– Applicable for higher diameter ratios: This design option is also suitable for applications that
have a diameter (outer to inner) ratio greater than unity [160]. This application requires a compact
design that can fit within 6.9mm height.

Therefore, twist wires are not suitable for usage in this application.

The only remaining design options after the broad trade-off are the goose-neck and cable wrap that have a
more or less similar working principle. These two design options would be compared and traded-off in the
next sub-section.
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5.5.4. Current carrier design options & trade-off
The cable wrap and the goose-neck are similar in terms of construction because they use a flat current carrier
which coils and uncoils to allow rotation. The main difference between the two design options comes from
the current carrier, a cable wrap uses a Flat Flexible Cable (FFC) whereas the goose-neck uses a FPC. The
advantages & disadvantages of the two options are summarised in the table below. A FFC is multiple lines of
wires with rectangular or circular cross-section in the form of a flat ribbon as shown in Figure (5.22a) and the
FPC is a type of a flexible PCB where the copper is etched on to a flexible substrate that allows it to bend as
shown in Figure (5.23b).

(a) Flat Flexible Cable

(b) Flexible Printed Circuit

(c) Schematic diagram of a cable wrap
(d) Schematic diagram of a goose-neck

Figure 5.22: Conductor carrier options & the mechanisms they are used in

The cable wrap schematic is shown in the Figure (5.22c), the spiral in blue is the FFC and the points
marked 1 and 2 are the attachment points. Ri is the radius of the shaft, R

′
o is the outer radius of the shaft and

R
′
b is the bending radius of the cable. The goose-neck schematic is shown in the Figure (5.22d), where Ro is the

outer radius of the shaft and Rb is the bending radius of the FPC. The blue line with a U-bend represents the
FPC in the initial state and the points 1 and 2 represent the attachment points to the stationary shaft and the
rotating housing respectively. The pink dashed line corresponds to the new state of the FPC when the housing
is rotated in the anti-clockwise direction and the point 2” shows the new position of point 2. The orange
dashed line corresponds to the new state of the FPC when the housing is rotated in the clockwise direction
and the point 2’ shows the new position of point 2. Note the difference in the bending radius of the cable
wrap and the goose-neck, for similar inner and outer diameters, the cable wrap has a higher bending radius
of the conductor than the goose-neck. This means that the conducting medium is under lower mechanical
stress in the cable wrap when compared to the goose-neck.
The cable wrap and the goose-neck design options will be compared based on the merits and demerits of
their construction and its suitability to the application’s design requirement. This is shown in Table (5.18). If
a design option’s characteristic does not meet the application’s requirement, it is shaded in red and awarded
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a score of 0; if the requirement is satisfied or over-satisfied, then the cell is coloured in green, and a score of 1
is awarded to the design option and if the design option is partially fulfilled the cell is shaded in orange, then
a score of 0.5 is awarded. The scores are added and displayed at the bottom of the table. It can be observed
from the trade-off that the cable wrap has a slightly higher advantage overall than the goose-neck because of
its spiral winding of the cable, which allows a higher rotation angle limit and lower bending radius.

Power transfer
design option

Cable wrap Goose-neck
Application

requirement

Diameter ratio
Preferable when high

outer/inner diameter ratio
is available

Preferrable when the
diameter ratio tends to unity

As low as possible
because of dimensional

constraint

Angular
rotation range

Cable wraps allow
more than 720 degrees

rotation [160]

Goose-necks allow
larger than 360

degrees rotation (up to 400) [160]
360 degrees

Bending radius
of wire

Lower bend radius
due to spiral shape

High bending radius due
to U-shape bend

Lower the better
to avoid stress and
to increase flex life

Total advantages 2 1.5 Highest

Table 5.18: Gooseneck and cable-wrap trade-off

The FFC and the FPC are the two current carrier design options used in the cable wrap and the goose-
neck respectively. The advantages and disadvantages of these conductor options are traded-off based on
their suitability to the application’s requirement as shown in Table (5.19). Lower resistive torque is preferable
because the power produced by the actuator can be transferred more optimally for solar panel rotation rather
than dissipative sources such as overcoming PDTM resistance torque. It can be inferred from this trade-off
that the FPC is very suitable for this application compared to the FFC because of its low thickness, which
allows for lower bending radius and higher flex cycles.

Power transfer
medium

Flat cables
Flexible Printed

Circuit
Application

requirement

Resisitive torque

Higher torque
required & non-linear

with angular position because
of thicker wires

Lower parasitic
torque & constant

with angular position because
of thin trace-width and conductor thickness

Lower the better

Bending radius
of wire possible

Lower bend radius
not possible due to thicker

conductor cross-section

Low bending radius possible
due to thin cross-section

Least possible

Flex life
Upto 105 flex cycles at 10 mm

bending radius for a wire
rated for 1.4 A. (A.15)

Up to 106 flexes because
of thinner cross-section. [83]

29200 in-orbit
flex cycles

SADM-PDTM-009
Wire thickness Thicker wires Thinner conductor width Thinner the better

Total advantages 0 4 Highest

Table 5.19: Conductor carrier options trade-off

The trade-off has revealed interesting results because the cable wrap construction is desirable for this
application, but the cables as a conducting medium is not so desirable. Meanwhile, the FPC used in the
goose-neck design is favourable for this application, but the goose-neck construction is not so favourable.
Therefore, a combination of the desirable elements from both worlds would be taken to form a new design
suited to this application. The FPC would be wound as a spiral around the shaft in this new design. This new
design would be termed the "Flex-wrap". The schematic of this design option is same as the one shown in
Figure (5.22c), but instead of the cable the FPC will be coiled in the form of a spiral. The first step in designing
the Flex-wrap will be to arrange and size the conductors connecting the solar panels to FPC and followed by
sizing the FPC to carry the current and voltage levels defined for the PDTM. This will be further followed by
designing the shape of the FPC. The design of the Flex-wrap will be carried out step by step in the upcoming
sections.
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5.5.5. Flex-wrap configuration selection
The conductors from the solar panel to the Flex-wrap can be mounted on the inside or outside of the shaft as
shown in Figure (5.23). The orange circles are the conductors coming from the solar panels. The blue spiral
is the FPC coiled around the shaft in the form of a spiral. Each configuration have their own advantages and
disadvantages.
If the conductors were to pass through inside the shaft, the advantages include - more volume for the flex-
PCB leading to higher bending radius. To realise this configuration, a hollow shaft with a slot will be required
so that the wires can pass through the shaft and come out of it to interface with the FPC on the outside. This
would firstly lead to a shaft with reduced strength considering and secondly passing the wires through a small
slot on a 4 mm shaft will be extremely hard.
In the second configuration where the wires are placed outside the shaft and around it, the strength of the
shaft will not be compromised as it does not have to be hollow in this case. The assembly will be challenging
owing to the fact that the dimensions are small but it is feasible as it does not have to fit through a slot. The
disadvantage for this configuration will be the fact that the wires will now have a dimensional constraint im-
posed by the remaining space in the housing after the volume taken by the shaft.

(a) Internal conductors configuration (b) External conductors configuration

Figure 5.23: Flex-wrap conductor arrangement configurations

Comparatively, the second configuration with the conductors on the external surface of the shaft is prac-
tical from an assembly perspective and does not hamper the strength of the shaft therefore this configuration
will be selected for use in this application. The next step is to select, size and arrange these wires in an optimal
fashion around the shaft.

5.5.6. Wire sizing & arrangement
As specified by SADM-PDTM-006, the SADM and its components must be capable of surviving the environ-
mental conditions throughout the operational lifetime. One main environmental factor affecting the cables
is the radiation and vacuum. The vacuum causes the material to outgas, and radiation in high doses alters
the cable response through multiple mechanisms caused by the build-up of electric fields in the dielectric
material [204]. Therefore, this application requires radiation tolerant wires as the wires connecting the solar
panels to the SADM is exposed directly to space.

Space-grade cable options
The most commonly used space-grade wires designed for radiation tolerance and no out-gassing are made
by Raychem. The company provides two grades of such cables - SPEC 44 and SPEC 55. The main difference
between the two grades roots from their construction. The SPEC-44 cable has dual wall construction using
a cross-linked Polyvinylidene Fluoride (PVDF) insulator, which allows a -65 to 150 degree Celsius operating
temperature range. The SPEC-55 cable has a single wall insulator construction made of radiation cross-linked
Ethylene tetrafluoroethylene (ETFE) which allows an operating temperature range of -65 to 200 degrees Cel-
sius.
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The current application requires 2 conductors to carry 1.7 A, 4 conductors to carry 1.2 A and 15 wires to carry
0.1 A for the sensors as mentioned in SADM-PDTM-001 & SADM-PDTM-002. The corresponding wire spec-
ifications for SPEC-44 and SPEC-55 grade cables are as shown in Table (5.20). The wire size for a particular
current value have been chosen considering the American Wire Gauge (AWG) ratings [78], which is an indus-
try standard for wire sizing.

Power cable selection

As highlighted in the table, SPEC-55 cable has been chosen because of its lower diameter than the SPEC-44
for power transfer. To make this choice, firstly, the diameter of the shaft was fixed considering the clearance
available after the wires were fixed on the surface of the shaft. Considering the strength, it is desirable to
have a shaft with the maximum diameter possible and less than 6.9 mm for this application. But such a large
diameter shaft is not desirable because the wires from the solar panel that passes over the shaft’s surface
would then interfere with the housing material. To solve this optimization problem, an initial shaft diameter
of 3 mm was assumed, and the maximum conductor diameter was added to this, which is 1.40mm in this
case, as shown in Table (5.20). This would lead to a combined diameter of 5.8 mm, a sufficient clearance
margin from the required dimensional limit. So a higher diameter of 4 mm was considered, giving a combined
diameter of 6.8 mm, just 0.05 mm clearance from the dimensional limit. Therefore, the shaft cannot be made
any larger than this diameter of 4mm. It is also important to note that the housing would have a dimension
of 6.9 mm, and the volume envelope inside the housing will be even less because of the thickness of the
housing material. It was calculated in section (5.1) that the minimum material thickness required to allow
a radiation tolerance limit of 10krad was around 3.5 mm of Aluminium. But then, shielding is required only
to protect the electronic components from the effects of radiation as this is an electrical component. The
housing can be made less thick than the calculated thickness value to get more height for the wires. As a 0.05
mm clearance will require the housing to be 0.05 mm thick at the space near the Flex-wrap shaft, it would
make the housing weak at this spot, which is not desirable. Therefore, the shaft diameter is kept constant at
4 mm and the SPEC-55 cable is used, which has a lower wire diameter due to single-wall construction. The
wire has a diameter of 1.27 mm, which gives a resultant diameter along with the shaft as 6.54 mm. This leaves
at least 0.15 mm thickness of the housing at the spot above the shaft, which is a considerable thickness value
than 0.05 mm considering the strength. Therefore, the SPEC-55 cable was selected as the preferred conductor
for transferring the maximum current of 1.7 A. Multiple arrangement configurations of wire with the options
mentioned above were carried out. The best configuration was selected based on the number of wires that
could fit on the shaft and the ability to reduce the effects of EMI. As the SPEC-44 cables had a larger diameter
than the SPEC-55, a lower number of wires could be fit on the shaft. Therefore, the SPEC-55 cables were
selected for the 4 lines that conducted 1.2 A.

Data cable selection

Variations of the wire construction have been considered for data transfer like twisted, shielded and jacketed
versions. This is to reduce noise induced in the cable from external disturbances and from Electro Magnetic
Induction (EMI) disturbances from adjacent conductors. As these non-desirable effects are more pronounced
in sensor data lines because of the low magnitude signal amplitude, adopting noise mitigation strategies in
these cables is desirable. The main purpose of the shield is to protect the conductor from EMI. It acts in
both ways to prevent the current carrying conductor as an EMI source that acts like an antenna or to prevent
external interference from affecting the signal within the conductor. The shield is usually the same as the
conductor material and is grounded to transmit the induced EMI to the ground. Thus, the noise is reduced.
There are 2 types of shields – braid & foil. Foil is thin and offers 100% coverage but is hard to work with
because it is thin and can tear easily, so it is not good for dynamic flexing and bending applications. A Braid
shield is thin wires wound around the primary wire. It offers 95% coverage but also allows flexibility to an
extent. The jacket protects the conductor from external contaminants like fluids, flame, etc. Twisting wires is
also done to reduce the effects of EMI which is achieved by turning the conductors’ electromagnetic fields in
such a way that they oppose each other, thus reducing induced noise. As shown in the table, the twisted and
shielded cables have a larger diameter than the single wire; this means that all the 15 sensor lines made of the
twisted wire cannot fit on the shaft. Only four lines will use this because only the data lines of the sensor are
sensitive to noise and need this EMI mitigation measures. Four lines were the maximum that could be fitted
on the shaft after considering the power lines and the total number of lines required.
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Current
(A)

Number of
lines

AWG
Rating

Wire
specification

Conductor
diameter (mm)

Wire outer
diameter (mm)

1.7 2 20

SPEC 44 - Single wire
(Dual wall)

SPEC 55
(Single wall)

0.812

0.812

1.40

1.27

1.2 4 24 SPEC 44 - Single wire 0.573 1.02
SPEC 55 0.573 0.94

0.1 15 30

SPEC 44 - Single wire
SPEC 44 -Twisted pair

SPEC 55 - Primary wire
SPEC 55 - Single wire shielded

and jacketed
SPEC 55 - Twisted wire unshielded

0.255
2×0.255

0.255
0.255

2×0.255

0.69
1.37
0.61
1.51

1.27

Table 5.20: Wire sizes for current rating

Optimal cable arrangement
Different arrangements of the wire around the shaft are possible. The main factor considered for the wire
arrangement was to minimize EMI. As these wires are placed close to each other to pack as many wires as
possible, the moving current produces a magnetic field around the cable, which can magnetically couple the
wires inducing noise in the data lines. The electrical field in the two wires causes capacitive coupling and
induces capacitive charge to be stored in the dielectric. The EMI is minimised by placing the wires carrying
the current or signal right next to the return or ground line. The opposing direction of the current induces a
magnetic field around the conductors so that they cancel each other’s effects. Another measure taken to miti-
gate EMI is to use twisted cables, which are also used in this arrangement. The best arrangement considering
the volume occupied and the required number of lines to be fit around the shaft is shown in Figure (5.24).

Figure 5.24: Optimal cable arrangement around shaft

5.5.7. Flex-wrap sizing & design
Now that the conductors from the solar arrays are sized, selected and arranged, the next step is to design the
flex-PCB that will be connected to the wires and be coiled around the shaft to allow relative rotation of the
solar arrays and the housing. The Flex-wrap schematic is as shown in Figure (5.23), and the blue spiral is the
flex-PCB as seen from the front of the shaft. The cross-section of the flex-PCB is shown in Figure (5.25).
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Figure 5.25: Cross-section of the FPC

The FPC of the Flex-wrap has two categories of design parameters as observed from the Figures 5.25 &
5.23b - intrinsic and extrinsic design parameters. Intrinsic design parameters refer to the conductor and
insulator specifications of the FPC like the trace width of the conductor, trace height, spacing between the
traces, adhesive layer thickness and insulator thickness. These intrinsic parameters further affect the extrinsic
design parameters like the FPC height, FPC width, FPC length and shape. The FPC height is the combined
height of the trace, insulator and adhesive layers. The FPC width is the combined length of the trace width
and inter-trace spaces. Therefore, for designing the FPC, an inside to outside approach will be followed by
first designing for the intrinsic parameters and then followed by extrinsic parameters. These parameters are
heavily defined by the materials used for conduction, insulation and adhesion. Firstly the material choices
have to be made.

Choice of materials
The FPC is composed of three materials, the conductor, adhesive and the insulator, as shown in Figure 5.25.
The conductor layer is sandwiched between two insulator layers by using adhesive layers. The conductor
chosen for this application is Copper, which has the highest electrical conductivity after silver and is cheap
and commercially mass-produced, making it easy to procure. The insulator, in this case, requires that it be
flexible and have a high dielectric constant and high operating temperature ranges. Usual substrate materials
used by the industry for manufacturing PCBs include FR-4, CEM, Polytetrafluoroethylene (PTFE) and Poly-
imide or Kapton. Kapton [35] will be the substrate of choice in this application because of its wide operating
temperature range (-269 to 400 degree Celsius) and flexibility compared to the laminates like FR-4 and CEM
and plastics like PTFE which make a good choice for rigid PCBs. The adhesive material is usually epoxy, as
specified by manufacturers.

Trace specifications
The current will be carried through the FPC in its conductors, in a PCB or FPC these conductors are called
traces. The trace dimensions and their spacing is necessary to calculate the FPC width and height. The con-
ductor cross-sectional area is usually constant for a given current rating as specified by FPC and PCB design
standards - IPC-2221 [140], IPC-2152 [141], IPC-2223 [142] and ECSS-Q-ST-70-12C [123]. The trace calcula-
tion is initiated by firstly calculating the cross-section area required to carry the different currents as specified
in SADM-PDTM-001, SADM-PDTM-002 & SADM-PDTM-004. This area is calculated using equation 5.36 be-
low. The basic formula has been referred from IPC-2221 [140] and has been adapted to Kapton in vacuum
environment using data provided in IPC-2152 [141]. The 2 is a safety factor and 1550 is the conversion factor
to get the cross-sectional area in mm2. The maximum temperature of 80 degree Celsius has been considered
with a temperature change of 10 degree Celsius to calculate the cross-sectional area of the trace. The maxi-
mum operational temperature was defined in SADM-PDTM-006. The maximum operating temperature has
its impact on the resistance and power loss but not on the cross-sectional area. The maximum change in
temperature of 10 degree Celsius was the initial value defined in the IPC conductor sizing graphs, this was
chosen in order to compare the computed values with the graph for verification.
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Ac = 2

1550

(
I

k0 ∆T k1

) 1
m0 ∆T m1

(5.36)

Where,
k0 = 0.0756

k1 = 0.4375

m0 = 0.5000

m1 = 0.0301

Traces are usually rectangular in cross-section and the trace specifications are adapted to the calculated
cross-sectional area. The trace specifications, calculation expressions and dependent factors are described
below:

1. Trace thickness: Trace thickness is the height of the trace as shown in Figure 5.25. Trace thickness
affects the FPC thickness. Manufacturers usually define trace thickness as a standard in multiples of
35 µm (1 Oz). Moreover, manufacturers specify adhesive layer thickness and substrate layer thickness
based on the trace thickness as described in subsection A.7.2. The FPC thickness is the sum of thickness
of its constituent layers of adhesive and insulator. Therefore, the total conductor thickness is found
using the expression 5.37 below:

T hF PC = 2thCu +2thAdh +2thIns (5.37)

As this application has a limited volume of just 6.9 mm height, the bending radius of the FPC is a crucial
design parameter. The bending radius of the FPC is primarily dependent on the thickness of the FPC
and related by direct proportion as expressed in the equation below.

Rbend ∝ T hF PC (5.38)

The shaft radius was set to 4mm considering cable layout and strength in sub-section 5.5.6. The hous-
ing has a height of 6.9 mm and needs to have some minimum material thickness for structural integrity.
A minimum thickness of 0.4 mm is considered in the location over the Flex-wrap considering the vol-
ume required for the wires as described in sub-section 5.5.6. This is a minimum thickness assumed and
the structural strength would have to be verified later using proper simulation of loads using a finite el-
ement model. This material thickness of housing would leave only 1.25 mm of space around the shaft
for the flex-wrap to fit in. This is extremely stringent in terms of dimensions which is another reason
why the FPC is favourable over other power transfer mediums such as FFC due to its low thickness (in
range of micrometers). As the FPC has to fit within this volume of 1.25 mm, high trace thickness will
not be favourable for this application. If the FPC is thick it will have a higher bending radius limit and
will occupy more space from the available 1.2mm space within the housing. The bending radius of the
FPC is expressed in equation 5.39 [142]. The IPC-2223 standard recommends using a 0.3% allowable
deformation (EB ) of Copper or a bending radius to total conductor thickness ratio of 31.

Rbend = thCu

2

[
100−EB

EB

]
− thD (5.39)

2. Trace width: Trace width is the breadth of the trace selected based on the cross-sectional area of the
conductor recommended to carry a specific value of current. As the conductor cross-section is con-
stant for a given current value and as the traces are rectangular in cross-section, the trace width will be
calculated by dividing the calculated cross-sectional area by the trace thickness. This means that for a
constant conductor cross-section area, the trace width is indirectly proportional to the trace thickness
as expressed in equation below.

wtr ∝ 1

thCu
; wtr = Ac

thCu + tol er ance
(5.40)
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The trace width influences the total width of the FPC. If the traces are too wide, the FPC becomes wide
and occupies more volume inside the housing and will increase the housing dimensions, which is not
preferable. If the traces are less wide, the conductor thickness would have to increase in proportion to
maintain constant conductor cross-section. If the conductor thickness increases, the FPC will not be as
flexible and will have a higher bending radius requirement. A tolerance is also added to the trace width
based on the thickness of the trace. This is defined by the manufacturer as defined in [83] and has been
considered in the trace width calculations in Table 5.21.

3. Inter-trace spacing: It is the distance between center of two adjacent traces. The spacing between
the traces affects the total width of the FPC. It’s dependent on the voltage between the lines and the
distance of insulator required to prevent a dielectric break-down due to the potential between the two
conductors as expressed in equation below.

wg ap ∝Vpeak (5.41)

The inter-trace spacing is defined according to IPC-2221 [140]. This standard states that for a voltage of
31-100 V the minimum recommended gap between traces must be 0.1 mm, for a voltage of 101-150 V,
the gap between traces must be 0.2 mm and for voltages less than 30V, the gap was defined as 0.05 mm.
The current SADM has six lines carrying 97 V as defined in SADM-PDTM-003, which is the maximum
for this design. As defined in IPC-2221, a space of 0.1 mm will be used between these six traces. For
other lines a gap of 0.1 will be used. In this case, the space is between the edge of the adjacent traces
and not between the center of the traces. The total width of the FPC considering the trace widths and
the gaps between them has been expressed in the equation 5.42 below.

WF PC = wed g e +Ntr
(
wtr +wg ap

)+ (wed g e −wg ap ) (5.42)

The number of lines required for power and data transfer had already been defined in requirements SADM-
PDTM-001 to SADM-PDTM-004 as 21 along with their current and voltage limits. The trace specifications for
these current and voltage values have been computed and are summarized in the Table 5.21. Three different
trace thicknesses have been considered - 18, 35 and 70µm. The cross-sectional area corresponding to the cur-
rent value was computed using equation 5.36. The trace-width was obtained by dividing the cross-sectional
area with the trace thickness. The bending radius was calculated using two approaches, one by using equa-
tion 5.39 that is defined by IPC standards and the other by using the FPC design guidelines of Minco [83], a
PCB & FPC manufacturer. The design guide by Minco specifies that the minimum bending radius of the FPC
is obtained by multiplying the circuit thickness by a factor of six as shown in Figure A.17.

Current
(A)

Cross
sectional

area
(mm2)

Trace
thickness

(µm)

Trace
width
(mm)

Total
FPC

thickness
(mm)

Bending
radius
(mm)

Number
of

linesMinco’s
design
guide
[83]

IPC-2223 [142]

70 1.01 0.157 0.42 11.58
35 1.92 0.130 0.21 5.761.7 6.53×10−2

18 3.67 0.106 0.108 2.935
2

70 0.564 0.157 0.42 11.58
35 1.03 0.130 0.21 5.761.2 3.43×10−2

18 1.928 0.106 0.108 2.935
4

70 0.0797 0.157 0.42 11.58
35 0.0595 0.130 0.21 5.760.1 3.3×10−2

18 0.0434 0.106 0.108 2.935
15

Table 5.21: Trace and FPC specifications for different current and voltage values

As stated earlier, low conductor thickness would result in low bending radius limit which is preferable,
but would lead to long total FPC width which is preferable as it would increase housing dimension. A high
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conductor thickness would lead to high minimum bending radius which is not preferable for the low dimen-
sional limit allowable. As shown in the Table 5.21, the 35 µm is the best option considering this trade-off
between the FPC width and the bending radius. The current SADM requires a bending radius of 2mm con-
sidering the case where the FPC is completely wound around the shaft that has a diameter of 4mm. Looking
at this requirement, the bending radius calculated using Minco’s guidelines seems to be adequate for all three
conductor thickness values. But the bending radius value calculated using IPC-2223 does not seem to be ad-
equate for any value of trace thickness. If a spacing of 0.2 mm is considering on either edges of the FPC and a
gap of 0.1 mm between the traces are considered, then the FPC using 70µm thick traces will have a total width
of 7.87 mm, if the trace thickness was 35 µm then the total width would be 11.25 mm and considering a trace
thickness of 18 µm then the total FPC width would be 18.1 mm. All the FPC widths are lower than the housing
length of 48mm, but the housing would also have to include other elements like the bearings along its shaft,
therefore least width of conductor is preferable. Taking into account the need for high bending radius limi-
tation and the low FPC width, the trace thickness of 35 µm is selected because it is a compromise between
the two requirements. The bending radius limitation calculated for this thickness is still over the requirement
of 2 mm according to IPC-2223, this mismatch can lead to early failure but this is an empirical relation and
the assumptions behind these expressions are unknown. On the other hand, the bending radius calculated
using the manufacturer’s design guide seems to meet the bending radius requirement with a large margin.
This inconsistency can be explained by the fact that these relations are empirical in nature and the assump-
tions and conditions involved in calculating them are unknown. Therefore, it is wise to use these expressions
as guidelines and not the final qualification factor of the design. The author would recommend testing the
designed FPC for the defined flex cycles at the determined bending radius to understand the actual response
of the FPC as this is a novel design that has not been implemented in any similar power and data transfer
application.

FPC length calculation
Now, that cross-sectional or intrinsic parameters of the FPC are known, the overall FPC parameters like the
length and shape of the FPC can be found out. The Flex-wrap has the FPC coiled in the form of a spiral.
The length of the spiral has to be adequate to allow ± 180 degrees rotation to achieve 360 degrees rotation
capability of the solar arrays as defined in SADM-PDTM-005. The spiral must also fit within the defined
volume limit of 1.25 mm between the shaft and the housing, this means that the spirals must have adequate
gap between the spiral layers otherwise they rub against each other and undergo surface wear. To calculate
the length of the FPC required to allow this angle of rotation, the spiral was modeled as an Archimedean spiral
which can be mathematically expressed in polar and Cartesian format as shown in the equation 5.43 below.
In the polar equation, ’a’ controls the origin of the spiral and ’b’ controls the gap between the layers.

r = a +bθ ; y = x t an
√

x2 + y2 (5.43)

To calculate the gap between the layers, the thickness of the FPC had to be considered and cannot be
modeled as a single line. The total thickness of the FPC including all the layers for a trace thickness of 35 µm
was found to be 0.13 mm as shown in Table 5.21. This was accounted for in the modelling and as depicted in
Figure A.18 the FPC was made to have a neutral axis which was the central core of the FPC and the inner and
outer layers which are represented by blue and red dotted lines respectively. The black circles enclosing the
spiral are the shaft with a diameter of 4 mm and the outer envelope with a diameter of 6.5 mm. The length of
the spiral was calculated by considering the spirals as circles and is given by equation 5.44 below:

Lspi r al =πNtur n
Di +Do

2
; (5.44)

The gap between the layers were computed by dividing the distance between the outer envelope and shaft
with the thickness of the FPC spirals, as shown in equation 5.45 below:

Gap = (Do −Di /2)− (Ntur n +1)T hF PC

Ntur n
(5.45)
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(a) Spiral with three turns (b) Spiral with four turns (c) Spiral with five turns

Figure 5.26: Plotting spiral shape of the Flex-wrap for different turns

As the spiral is composed of Copper and Kapton layers, when they are bent in to the shape of a spiral,
part of the energy spent in bending the FPC is stored as potential energy in the material due its elasticity.
The spirally coiled FPC is analogous to a clock spring in working. As it stores potential mechanical energy in
coiled state, it is constantly trying to regain its equilibrium position which is the flattened out configuration.
A moment has to be applied to overcome this potential energy and to rotate the spiral FPC by 180 degrees.
This means a reaction torque would be applied by the FPC at its fixation point on the shaft. The torque is nec-
essary to know because this induces stress in the FPC and the reaction torque must be considered to know
reaction force that the interface of the FPC must resist. To know this torque, the coiled FPC can be modelled
as a clock spring made of copper and Kapton layers. Adhesive layer can be ignored as it is not elastic in nature
and cannot be modelled as an isotropic material. As there is one layer of copper trace sandwiched between
two layers of Kapton, the coiled FPC can be modelled as three separate clock-springs, one made of copper
and two made of Kapton, which are connected in parallel because all three layers are connected to the same
fixation points on both ends. For the simplification of calculation, the copper traces would be assumed as
one continuous layer or sheet having the same width as the FPC. Moreover the gap between the traces are
0.1 mm which is much less compared to the overall FPC width of 11.25 mm. The Kapton layers would also be
assumed as one single sheet having the same width as the FPC. If the springs are connected in parallel, then
the resultant moment and force will be sum of the individual spring forces.

Firstly to calculate the moments and forces, the moment of inertia of the cross-sections of the copper and
Kapton layers are calculated using the expression 5.46 below. For the calculated copper layer thickness of 35
µm and width of 11.25 mm, the inertia is 4.02 ×10−5 mm4. For the copper layer thickness considered, the
manufacturer specified substrate thickness is 25 µm as shown in Figure A.7.2. The inertia for this thickness of
Kapton is 1.5 ×10−5 mm4.

ICu = WF PC th3
Cu

12
; Ii ns =

WF PC th3
i ns

12
(5.46)

The moment or torque required to rotate the spiral FPC by an angle ’θr ot ’ is given by the equation 5.47
below [114]. The active length of the spring ’L’ is as calculated using equation 5.44. An elastic modulus of
1.2 ×105 MPa was used for copper and an elastic modulus of 2.5 ×103 MPa was used for Kapton [35]. It can
be observed that the moments are low in magnitude due to the low moment of inertia of copper and Kapton
layer cross-sections.

θr ot = ML

E I
⇒ M = E Iθr ot

L
(5.47)

As stated earlier, the FPC is assumed to be composed of three layers excluding the adhesive. The moment
due to the constituent copper and Kapton layer are different due to their different cross-sections and material
properties like elastic modulus. The total moment required to rotate the FPC by 180 degrees is equal to the
sum of the moments required to rotate the individual layers as expressed in equation 5.48 below. The total
moment required to rotate the FPC by 180 degrees was found and have been stated in the fourth column of
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Table 5.22. This moment maybe slightly different than the actual moment required to rotate the FPC because
the adhesive layers have been neglected and the copper traces are assumed to be continuous. But the current
values give a good approximation. It can be observed that the moment decreases as he number of spiral layers
increases, this is because for the same angle of rotation, the force is distributed over a larger length leading to
lower moment required to rotate the FPC.

Mtot = MCu +2Mi ns = ECu ICuθr ot

L
+2

EK p IK pθr ot

L
(5.48)

By applying a moment to rotate the spiral FPC, a counter moment is applied by the FPC on the shaft at the
point of fixture. This is also equal to the force applied by the shaft to rotate the FPC by 180 degrees. The force
can be calculated from the moment equation by dividing it with the distance between the center of the shaft
and position of application of force. In this case, the distance is the surface of the shaft which is the radius of
the shaft. The force acting on the attachment point due to the moment is expressed in equation 5.49 below.
This force is only for one layer of the material.

M = F Di

2
= E Iθr ot

L
⇒ F = 2E Iθr ot

LDi
(5.49)

As the three layers act like parallel springs, the force due to each layer will be summed to obtain the total
force. The total force for the moment calculated using equation 5.47 for different spiral turns are calculated
and stated in fifth column of Table 5.22. As there are two layers of Kapton, the force due to a single insulator
layer will be multiplied by two. The same trend of decreasing force with increase in number of loops can be
observed from the values in Table 5.22. The reason for the trend is due to the direct proportional relation that
the force has with the moment. As the moment decreased due to distribution of force over the length of the
spiral, the force also decreases.

Ftot = FCu +2Fi ns = 2ECu ICuθr ot

LDi
+ 4EK p IK pθr ot

LDi
(5.50)

As a moment is applied to the FPC spiral at one end, it undergoes rotational displacement, this would
mean that the layers of the FPC would undergo stress. This stress is dependent on the angle of rotation,
inertia of cross-section and material properties. The maximum stress occurs at the inner and outer edges of
the FPC which are under compression and tension respectively. The distance of the layer from the neutral
axis in which the stress is computed is represented by ’c’ in equation 5.51. As the maximum stress occurs at
the edges, this distance is taken as t/2 in this case. This stress is important to know because, if the stress in
the cross-section exceeds the yield strength of the material for a given cross-section, then the material fails
by plastic deformation. Considering the dynamic bending requirement of this application, it is desirable to
have the stress in the layers lower than the yield strength of the materials. The stress due to applied moment
is given by equation 5.51 below [114].

σmax = 6Mc

I
= 6M

WF PC t 2 (5.51)

The stress in the copper and Kapton layers are found using the equations stated below. The stress values
for these layers are computed using the moment values from equation 5.48, for a FPC width of 11.25 mm,
copper thickness of 35 µm and Kapton thickness of 25 µm. The computed values are listed in columns six
and seven of Table 5.22. The same trend of decreasing stress values with increase in number of spirals or spiral
length is observed because of the decrease in moment values. The stress in the layers is directly proportional
to the moment applied. As the moment decreases with increase in spiral length due to distribution of force
over a larger length of the FPC, the stress per layer also decreases in proportion. The unusually low stress of
Kapton is due to its relatively lower elastic modulus and 2.5 times lower cross-sectional inertia as compared to
copper’s elastic modulus and inertia. As stress is directly proportional to the elastic modulus and the inertia,
a decrease in these two parameters results in a decrease in stress per layer of the insulation layer. Considering
the low value of reaction forces induced by the rotational moment, the adhesive strength calculations will be
neglected because the common space-compatible adhesive

σCu = 6MCu

WF PC th2
Cu

; σi ns = 6Mi ns

WF PC th2
i ns

(5.52)
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Number of
spirals

Length of
spiral
(mm)

Gap between
adjacent layers

(mm)

Moment for
180 degree

rotation
(Nmm)

Force at
root of spiral

(N)

Stress in
Copper layer

(N /mm2)

Stress in
Kapton layer

(N /mm2)

2 33 0.43 0.466 0.233 200 3
3 49.5 0.243 0.3 0.155 133.33 2
4 66 0.15 0.233 0.117 100 1.5
5 82.5 0.094 0.187 0.093 80 1.2
6 99 0.0566 0.155 0.077 66 0.99

Table 5.22: Length and forces of FPC spiral

The spiral of the Flex-wrap works by increasing one loop when rotated clock-wise and decreases a loop
when rotated anti-clockwise. This is why one spiral loop has not been considered as it would not allow anti-
clockwise rotation. Among the various number of spirals and their resultant implication on the FPC as shown
in the Table above, one particular configuration has to be chosen.
The main trade-off criteria considered firstly is the gap between the adjacent layers. It is desirable to have
more gap between the layers to prevent wear caused by rubbing of the adjacent layers. It was found that
the gap between layers reduced to less than 0.1 mm in cases of 5 and 6 spiral loops. This can lead to even
more decreased gap between the layers when the FPC rotates. Therefore, these two configurations are not
suitable for this application. The next criteria considered in selecting the right configuration is the stress in
the layers. It can be observed that the stress increases with the decrease in number of loops. The ultimate
tensile strength of copper is 210 MPa [12] and the ultimate tensile strength of Kapton is 207 MPa [35]. In the
case of two spiral loops, the stress in the copper layer is close to the ultimate strength, this is not desirable for
operation, therefore, this configuration will not be considered further in this application. The two remaining
options are the spirals with three and four loops. Both of these configurations have the stress in each layer
lower than the ultimate tensile strength. The selection then comes down to the gap between the layers. As
the gap increases with lower number of spiral loops, the spiral configuration with 3 loops is selected as there
is more gap between the layers as compared to the configuration with four loops. Moreover, the increase in
stress in the layers is not significant compared to the configuration with four loops. Therefore, the flex-wrap
will have three loops in the home position (zero degrees) with a spiral length of 50 mm.
The FPC would have to be fixed over the shaft using adhesive because it is circular in shape and suitable
annular connectors could not be found for this application. The simplest way to bound the FPC around the
shaft is to use adhesive. The adhesive would have to withstand the reaction force applied by the FPC when
rotated by a certain angle. Considering the low reaction forces induced due to the rotational moment, the
adhesive strength considerations will be neglected. This is because the common space compatible adhesive
(used in AAC Hyperion) Scotch-weld-2216 epoxy [58] was found to have more than adequate peel strength
and tear strength to resist forces greater than 1N.

Shape of the FPC

The FPC of the Flex-wrap is connected to the solar panel on one end and the external power and data inter-
faces on the other end as shown in Figure 5.27. In order to comply for such a connection the FPC had to be
designed in the shape of an L. The base of the ’L’ is connected to the wires coming from the solar array to
the SADM. They must be soldered to the FPC. The width of 12.5 mm in the solar panel end of the FPC was
computed based on the perimeter of the shaft that has a diameter of 4mm. This is because, this part of the
FPC would have to be completely wrapped around the shaft and fixed to it using adhesives. The blue-dotted
line represents the line along which the wires will be soldered. The diagonal is chosen as it has the longest
length possible and the conductor lines can be arranged along this line with adequate spacing. The computed
spiral length of 50 mm is included in the body of the ’L’. This part will be twisted around the shaft to form a
spiral with three loops. The 12 mm width of the body of the FPC was calculated based on the trace widths
and inter-trace spacing as calculated in Table 5.21. The right hand side of the FPC would be connected to
the interfaces. With this, the intrinsic and extrinsic parameters of the FPC have been calculated and the FPC
has been designed for the main parameters. The detailed design would have to be carried out in a dedicated
PCB design software where the trace widths and solder pads can be modelled along with connections and
inter-trace spaces.

110



5.5. Power and data transfer mechanism design

Figure 5.27: Shape of the FPC in uncoiled state

5.5.8. Failure modes of the Flex-wrap and mitigation
The Flex-wrap was invented and designed to overcome the drawbacks of the conventional power and data
transfer mechanisms like the slipring, goose-neck and cable-wrap. The Flex-wrap definitely mitigates tribo-
logical failures like debris generation, arcing, corrosion and erosion by eliminating brushes. The Flex-wrap
eliminates the low bending radius that was encountered in the goose-neck, thereby avoiding high stresses
and premature fatigue failure. The Flex-wrap also overcomes the need for high diameter ratio and volume
required by the cable-wrap. This does not necessarily mean that the Flex-wrap is the most ideal PDTM so-
lution. The Flex-wrap also has drawbacks like rubbing of adjacent layers, fatigue performance and thermal
considerations. As the flex-wrap is rotated clock-wise and anti-clockwise, the gap between the layers de-
creases and increases. The constant gap of 0.24 mm as calculated in Table 5.22 will not hold. This means
that the layers would rub against each other when rotated. But compared to the wear and debris created by
brushes in sliprings, this would be much minimal. The wear of the rubbing surfaces can be accounted for by
coating the surfaces with a thin protective material. Given the fact that this is a new technology that has not
been implemented or designed earlier, the fatigue strength characteristics of this design can be known only
by life-testing. The author would recommend to measure and monitor the signals transmitted through the
FPC before, while and after dynamic bending for the required flex-cycles to characterise the robustness of the
solution. The transferred signal quality and the mechanical response of the FPC must be measured to char-
acterise the robustness. Given the fact that the SADM has to operate in space the only way of heat transfer
is radiation and conduction because of the absence of air. Heat of a conductor is directly proportional to the
product of square of current and resistance. Even though the operating temperature range of Kapton is very
wide, it is desirable to know the combined effects of heat, dynamic bending and wear on the electrical and
mechanical performance of the FPC. The requirement SADM-PDTM-009 can be verified only by life-testing
the Flex-wrap mechanism which is not possible within the scope of this thesis.

5.5.9. Summary of power and data transfer mechanism design
This section started with the motive of finding an alternative power and data transfer mechanism to conven-
tional sliprings. It was desirable of the PDTM to overcome tribological failures that were the main root cause
of the failure of sliprings. The current SADM had stringent dimensional constraints. Firstly SPEC-55 cables
were chosen and sized to carry the required current. An optimum arrangement of the cables was arrived upon
considering EMI effects. The optimal cable arrangement and strength considerations led to the optimal shaft
diameter of 4mm. Among the various PDTM design options, the cable wrap provided the advantage of higher
bending radius of cable due to its construction. On the other hand the goose-neck had the disadvantage of
low bending radius but the FPC used in the goose-neck mechanism was found to have the advantages of
higher flexibility and low thickness. A new mechanism has been designed and termed as the Flex-wrap that
combines the best features of both the mechanisms. The Flex-wrap uses a spirally coiled Flexible Printed
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Circuit to transfer power and data while allowing rotation by coiling and uncoiling. The FPC was designed to
have a conductor thickness of 35 µm by making a trade-off between bending radius and total width of FPC.
The FPC length was calculated by modelling it as a spiral and a length of 50 mm was chosen considering a
trade-off between the gap between the adjacent layers and the stress induced in the FPC layers for rotating
by an angle of 180 degrees. Finally, the shape of the FPC was designed as an ’L’ considering its interface with
solar panels and external connectors. With the new Flex-wrap PDTM design solution, the research question
set for this section has been answered along with consideration for all the requirements pertaining to the
PDTM (SADM-PDTM-001 to SADM-PDTM-009).
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5.6. Bearing selection
This section will select a bearing technology based on its requirements derived from the application’s require-
ments. This section will also focus on finding a solution to overcome the root causes of failure of conventional
tribological systems with a history of causing mechanism failure. This will be done by systematically explor-
ing the failure mechanisms of conventionally used roller bearings and their root causes, and after under-
standing this, a solution will be arrived at to mitigate this failure mechanism. The section then describes the
selection process of a commercial bearing that fits the demands of this application.

5.6.1. Purpose
The main purpose of the bearing is to allow smooth motion of the shaft relative to the housing throughout its
lifetime in ground & space.
It was found in the lessons learned section 2.3.2, that the roller bearings were one of the most crucial com-
ponents of any mechanism because they were the root cause for multiple mission failures (Refer sub-section
2.3.1). Roller bearings caused failure mainly because of wear & debris generation, which were caused due
to multiple mechanisms like non-optimal preloading, lubricant depletion, surface reaction and vibrations.
The wear and debris generation leads to high friction or, in the worst case, complete immobilization of the
bearings, which cannot be overcome by the actuator, thus leading to complete mechanism failure. Research
questions were formulated to find a solution to this problem in the context of this application. The research
question that is pertinent to bearings and tribological elements is 2c. The research question 2c has been
adapted for bearings. This section will aim to answer this research question.

" How to select and size a bearing that overcomes the failure mechanisms of a conventional
(roller) bearing used in space mechanisms? "

5.6.2. Requirements
Some of the system requirements defined for the SADM translate to the bearings, and this has been stated in
the Table (5.23) below. One of the preliminary selection criteria for choosing the bearing is the dimensions.
The bearing has to fit within the height limit of the housing, which is the rationale behind the requirement
SADM-BG-001. The next criteria for selecting and sizing the bearing is its capacity to withstand the maximum
load it will experience during its lifetime. The maximum load on the shaft was calculated in section 4.3.3 and
was found to be 250 N. The bearing will have to be sized to withstand this maximum force which forms the
rationale behind the requirement SADM-BG-002. Most of the bearings use lubricants which are solid, liquid
or gel-based. As the environmental requirements apply to all sub-systems, they shall also apply to this sub-
system. This includes operating temperature ranges, launch loads and vacuum conditions. This forms the
rationale behind requirement SADM-BG-003. The liquid and gel-type lubricants have a hydrocarbon oil base
which can lead to out-gassing in vacuum and deposition on other components of the SADM resulting in
failure or malfunctions. To avoid this, requirement SADM-BG-004 was formulated for this application. The
verification method applicable to the parent requirement shall also apply to the child requirements.

Identifier Requirement Parent requirement
SADM-BG-001 The bearing shall fit within the housing SADM-INT-002
SADM-BG-002 The bearing shall withstand a maximum load of 250 N SADM-ENV-007

SADM-BG-003
The bearing shall be compatible with the
environmental conditions.

SADM-ENV-001 to SADM-ENV-011

SADM-BG-004 The bearing shall not use volatile lubricants. SADM-RAMS-002

Table 5.23: Bearing requirements

5.6.3. Bearing design options
Bearings can be classified into two major categories based on their working principle. Sliding and rolling
element bearings as shown in Figure (5.28). These types, their working principle and sub-categories will be
explored below.
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Figure 5.28: Classification of bearings

• Sliding bearings:
Sliding bearings do not have rolling elements; they simply work by having the shaft slide over low fric-
tion, co-efficient surface. They are also called journal or sleeve bearings. They can be classified based
on the material used as metallic and non-metallic, the loading direction as axial and radial, and the
lubrication regimes. In this application, the sleeve bearings will be explored based on their lubrication
regimes because it is defined based on the relative speed. The solar array speed has been calculated in
section (4.3.1), which is an important factor in the bearing selection.
Conventionally, journal bearings use a film of lubricant between the sliding surfaces to reduce the fric-
tion between them, as shown in Figure (5.29a). The surfaces rest over each other at zero velocity, and
when the shaft starts rotating, it lifts up due to the lubricant seeping between the surfaces [148]. Based
on the lubrication regime that the bearing operates in, they can be classified into five types - Hydrody-
namic, hydrostatic, elastohydrodynamic, boundary and dry-rubbing [111]. The Stribeck curve shows
these lubrication regimes, as shown in Figure (5.29c). Boundary lubrication occurs at low speeds where
the shaft surface almost touches the bearing surface, and a very thin layer of lubricant separates the two
surfaces, as shown in the first images of Figure (5.29b & 5.29d). In this regime, the velocity is not enough
to generate enough pressure in the lubricant to lift the surface of the shaft. Mixed film lubrication is the
regime where the relative velocity is just enough to lift the surface, as shown in the second image of Fig-
ure (5.29b & 5.29d). Hydrodynamic lubrication is the regime where the relative velocity is high enough
to generate pressures to lift the surfaces so that the shaft floats or rides on the layer of lubricant be-
tween the surfaces, as shown in the third image of Figure (5.29b & 5.29d). Hydro-static lubrication is
when a lubricant is pumped at a pressure to cause the lift-off between the surfaces. This method does
not need relative motion. Elastohydrodynamic lubrication applies to rolling element bearings where
the lubricant is induced between the rolling elements of the bearing. Dry-rubbing bearings suggestive
of the name do not use any lubricants and are usually made of a non-reactive noble metal (gold, silver,
etc.) or thermoplastics and are manufactured to have a high surface smoothness. They are temperature
and speed limited because they do not use any lubricants. Therefore they are favourable for low-speed
applications. The shaft, in this case, is usually made of metal. Self-lubricating bearings use a porous
material impregnated with lubricant released at a slow pace to maintain boundary layer lubrication
between the shaft and the bearing.

114



5.6. Bearing selection

(a) Pressure profile of journal bearing (b) Establishment of lubrication layer

(c) Lubrication regimes (d) Change of film thickness with lubrication regime

Figure 5.29: Working and lubrication regimes of Journal bearing [111]

• Rolling bearings:
On the other hand, rolling element bearings utilize circular or cylindrical elements to allow relative ro-
tation between the two surfaces. The rolling element bearings can be further classified into radial and
thrust bearings based on the direction they can take loads in. Radial bearings are designed to take loads
in the radial direction of the bearings, and thrust bearings are designed to take loads along the axial di-
rection of the bearing. Each type of bearing can be further classified based on the shape of its rolling
element as the ball and roller bearings. Each of these bearing types is applicable for a specific pur-
pose based on the application’s requirement on speed, the direction of load, accuracy, friction torque,
acceptable misalignment and rigidity [40].

(a) Ball bearing nomenclature (b) Radial and axial clearance in bearings (c) Reduced clearance after fitting loads

Figure 5.30: Bearing nomenclature and clearance
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Ball and roller bearings have a simple working principle: the rolling element is held between two rings,
where one ring rotates and the other remains stationary with respect to the ball. The inner ring is
usually moving and tight-fitted with a shaft. The outer ring is usually stationary and is press fitted to
housing as shown in Figure (5.30a). The rolling element rotates about its own axis. The rolling element
sits on a mating surface in the shape of a circular depression called as the raceway. There is initially a
clearance or play between the rolling element and the rings in the axial and radial directions, as shown
in Figure (5.30b). The clearance or play is reduced to a required value to ensure the ball is in full contact
with the raceways. If the clearance is to be maintained at a constant value throughout its lifetime a
load corresponding to reduce the distance is applied. This method is called as hard preload as shown
in Figure (5.31b). The clearance distance also changes with temperature as the materials expand or
contract with increase or decrease in temperature as shown in Figure (5.31a). If an application has a
high range of operational temperature ranges and load conditions that constantly change this clearance
distance, it is preferable to use a compliant element like a spring that can deform itself causing a change
in force that it applies to the bearings thereby adjusting the clearance value between the bearings and
the rings according to the change in temperature or load conditions. This method is called as the soft
preload as shown in Figure (5.31c).

(a) Thermal expansion in bearings (b) Hard preload (c) Soft preload

Figure 5.31: Bearing preload methods [48, 197]

5.6.4. Failure mechanisms of roller bearings & their causes
There are multiple failure mechanisms in roller bearings as mentioned in ISO-15243 [34]. Below is a brief
explanation of each failure mechanism phenomenon and its sub-types, cause and effect.

1. Fatigue: Fatigue in bearings is caused due to cyclic loads. The cyclic loads occur at the contact sur-
faces of the rings and the balls. A bearing in axial, radial or combined load conditions has a particular
region under a higher load than the rest. Due to the cyclic change in this region’s stress, there are two
possible effects: sub-surface and surface-initiated fatigue. In sub-surface initiated fatigue, the material
micro-structure in the highly stressed region changes, and micro-cracks are initiated below the sur-
face, propagating with time and forming cracks. This leads to spalling. In surface-initiated fatigue, the
micro-asperities of the contact surfaces increase, leading to crack formation and material removal from
the surface. This effect is usually triggered by under-lubrication or material defects when manufactur-
ing. This material removal from the surface is called flaking.

2. Wear: Wear is the gradual removal of material. Wear, in general, can result from many effects like
fatigue, corrosion, adhesion, abrasion, vibration and erosion [196]. Other mechanisms are discussed
as their own, while adhesion and abrasion are the main contributors to wear in bearings. Adhesive
wear is a mechanism triggered by under-lubrication. When there is low lubrication, the surfaces start
to slide over each other and at high velocities, there is enough heat generation to cause micro-welding
of asperities on the surface. But due to the high speeds, the material tends to stick to one surface
and gets transported with the moving surface. This causes one material to be deposited on the other,
which is called smearing and causes wear. Abrasive wear is a mechanism that is also caused by under-
lubrication or contaminants. The micro-particles come in between the contact surfaces as they roll
over each other and cause material removal due to friction.
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Figure 5.32: Roller-bearing failure mechanisms causes and effects [34, 37, 39, 48]

3. Corrosion: Corrosion is a chemical reaction caused due to contaminants like water & other oxidants or
due to friction caused by loose-fitting. Most bear elements are made of metals like steel which can oxi-
dise under the influence of oxidants like humidity in the environment and other oxidants. This process
can be accelerated at high temperatures. This causes rust formation, which is black or red in colour.
These particles cause surface roughness which leads to increased friction and bearing damage. The
other corrosion mechanism is the friction caused by the loose-fitting of the shaft and the bearing or
housing. This causes small particles to be generated, accumulating in the ring’s troughs and oxidis-
ing faster. These oxidised particles hinder the bearing operation by increasing friction and leading to
further material removal from the rings and balls.

4. Erosion: Erosion is an electro-mechanical wear process that is caused by current flow. As the bearing
elements are made of metal, there is a possibility for the current from the environment or the compo-
nents in contact or electrostatic charges caused by triboelectric (friction between conductively dissimi-
lar materials) charge generation mechanisms. This current, when passing through the metallic moving
surface of the bearing, causes welding at the surface, which causes part of the surface to stick onto the
moving surface, leaving a pit or micro-crater on the other surface. Based on the current magnitude,
the effects are classified as excessive current erosion and current leakage erosion. Erosion leads to the
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micro-crater formation on the surface, leading to bearings’ friction.

5. Plastic deformation: Plastic deformation is the irreversible damage caused to the materials. They are
usually caused by high shock loads during operation or mounting. This overloading leads to depres-
sions in the material. Plastic deformation is also caused by debris from the environment or generated
by wear within the bearing. This causes dent formation, leading to high bearing friction and noise.

6. Fracture & cracking: Fracture is a material failure when the applied load causes stress more than the
tensile load of the material. There are three ways in which fracture of bearing material can occur. The
first mechanism is due to sudden shock or impact loads that may occur during the operation, mount-
ing, or assembly. The next cause is due to micro-crack propagation. The micro-cracks generated under
or on the surface due to fatigue loads can cause the crack to propagate over time and cause material
failure. The third mechanism is due to thermal stresses in the material that are caused due to differen-
tial thermal expansion of the metal components of the bearing and their surroundings. This induces
stress in the material, which can cause failure if it exceeds the material’s tensile strength.

Main causes of failure:
After the detailed analysis carried out above about the different mechanisms of rolling bearing failures and
exploring their causes and effects on the bearing, some major observations can be made regarding these
failure mechanisms. All the failure mechanisms cause material wear and particle debris generation, which
leads to high friction or material failure like cracking. Both are detrimental to bearing operation as it reduces
the smoothness of rotation and, in worst cases, can cause complete stopping of the bearing. This is the final
effect observed in many failed mechanisms that stop functioning before their end of life. It can be observed
that a few causes contribute to most of the failure mechanisms. These major causes can be listed as:

1. Internal causes: These are caused by the construction and working principle of rolling bearings.

(a) Lubricant: Lubricant is the root cause of failure mechanisms like fatigue and erosion. Choosing
the right lubricant that does not degrade in space and does not react with surrounding materials
itself is a challenging step. Maintaining adequate lubrication throughout the lifetime of bear-
ing is again challenging because storage of fluids is not permissible in CubeSat systems. Over-
lubrication causes high friction torque. Under-lubrication leads to wear and fatigue failure.

(b) Metals: Using metal as bearing components is the cause of multiple failure modes. This is because
metals can corrode, erode & undergo micro-structure transformation at high loads.

(c) Alignment maintenance: Maintaining the balls in optimal contact with the raceways requires
proper mounting and pre-load. In a dynamic environment where the space mechanisms have
to operate, the system has to endure a short period of high loads and then has to operate in a
demanding environment like wide temperature fluctuations and vacuum; it is hard to design the
preload system to handle such varied loading conditions. This leads to the ball overloading or not
being in contact, which leads to wear, friction and noise. [197]

2. External causes: These are caused by external factors like humans and the environment.

(a) Assembly: Very careful and accurate assembly is required to ensure proper concentricity of shaft
and bearing. Proper load measuring equipment is necessary to ensure the right load is applied to
fit the bearing.

(b) Uncontrolled environment: Need for a controlled environment in terms of temperature and con-
taminants (like debris & oxidants).

Most of the above failure causes stem from the working principle of the rolling bearing itself that requires
preloading, uses metals, needs accurate fitting and has an elliptical point of contact. Nextly, the failure mech-
anisms of the sliding bearing will be explored.

5.6.5. Sliding bearing failure mechanisms
Sliding has its own advantages and disadvantages over conventional rolling element bearings. Because of
the difference in construction and working principle, they overcome some disadvantages of rolling element
bearings. Some of the common sliding bearing failure mechanisms are stated and explored below:
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• Wear: Wear, being the most common form of failure in all tribological elements, is also present in this
kind of bearings because of the moving parts. Wear as a failure mechanism is inevitable in tribological
elements, but its effects can be slowed down if the right amount of lubricant is supplied and maintained
throughout its lifetime. The main causes of damage due to wear is caused by under-lubrication and
lubricant contamination.

• Oil whirl: This is an instability observed in hydrodynamic sliding bearings that uses oil as a lubricant
where the shaft rides on the lubricant film at the highest point of the pressure gradient [200]. If the shaft
received a sudden shock, more oil would be withdrawn from the supply due to the low pressure. The
entry of more oil creates additional pressure on the shaft and causes it to drive forward the oil’s motion.
In a normal state, the shaft drives the oil film around. This creates a whirling motion of the shaft and
causes it to rub and hit on the surrounding housing as shown in Figure (5.33a). In some cases, it may
dampen, but this usually leads to vibration, friction and wear of the materials. Oil whirl can be caused
by multiple factors like changes in oil properties, excessive bearing clearance and improper bearing
design.

• Oil whip: Oil whip is similar to oil whirl as it is also caused by the liquid lubricant in hydrodynamic
bearings where the shaft is driven around by the oil’s erratic motion [200]. This occurs when the oil
whirl frequency matches the system’s natural frequency. This effect follows as a result of the oil whirl
motion. In this mode, the oil moves in lateral and forward motion, moving the shaft along with it.
Compared to the whirl motion, the whip motion causes the shaft to hit and rub the housing multiple
times in one rotation and leads to non-circular trajectories of the shaft, as shown in Figure (5.33b). This
effect leads to quick damage to the shaft and is usually encountered at high shaft speeds.

• Touch rubbing: Rubbing is a damaging mechanism that occurs in new bearing or in starting stages of
the bearing operation where the shaft rubs against the bearing surface, as shown in Figure (5.33c), until
the clearances are corrected. This is also a kind of wear mechanism.

• Sintering: Sauntering is the wear of the shaft and the bearing surface caused due to long-term lubricant
starvation. It leads to wear, high friction and vibration of the shaft.

(a) Oil whirl orbit (b) Oil whip orbit (c) Rubbing motion orbit

Figure 5.33: Shaft trajectory of sleeve bearing in different failure mechanisms [200]

After understanding the failure modes in sliding bearings, it can be observed that some causes are similar to
the rolling bearings. But many causes that arise due to the difference in the construction of the bearings types
are not the same, like precise alignment maintenance, strict assembly requirements and sensitivity to debris.
Moreover, journal bearings also have the option of utilising plastics instead of metals which can overcome
the drawbacks caused by metals. Apart from the above, some common causes of the failure modes in sliding
bearings are stated below:

1. Lubricant: Lubricants are one of the major contributing causes of bearing failure in both types of bear-
ings. In this case, the liquid lubricants cause damage due to their dynamics, which influence the shaft
motion.
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2. High-temperature : High temperature is both a cause and effect of failure mechanisms. High tempera-
ture in sliding bearings is caused by friction or high shaft speeds. The high temperature further changes
lubricant properties, causing it to deteriorate. This forms a cycle that leads to damage to the bearings
eventually.

3. High speeds: High speeds lead to an increase in the temperature of the lubricant. And as described
above, it will lead to a cycle that will eventually lead to friction, vibration and wear of the shaft.

Now that the failure mechanisms of the roller and sliding bearings have been explored and their causes are
known, the advantages and disadvantages of these bearing types are known. Based on this knowledge and
the application’s requirement, the most suitable bearing type will be chosen in the next sub-section.

5.6.6. Bearing type selection
Before selecting the bearing type for this application, it is necessary to review the bearing requirements of
this application. Unlike other applications, the SADM is a very slow-moving mechanism. As calculated in
Table (4.1), the maximum speed of the solar arrays is 0.04 rad/s which is close to 0.4 RPM. As the application
is expected to be operational in space, the lubricants cannot outgas, and as the CubeSat standards specify,
lubricants cannot be stored in enclosures. The maximum load expected in the application acts on the shaft,
which is transmitted to the bearings. This maximum load was expected to occur during launch and was
calculated as 250 N in section (4.3.3) as stated in SADM-BG-002. The bearing type will be selected based on
these requirements as the main reasoning principle.

Rolling bearings:
Rolling bearings were one of the most commonly used bearing types in many applications. Ironically they
were also one of the most commonly failing types of bearing in space mechanisms. The main research ques-
tion for this section was to select a bearing that overcomes the drawbacks and failures caused by roller bear-
ings. To answer this, the failure mechanisms and their root cause were found in the earlier section (5.6.4). It
was found that the main causes of the roller bearing failure were lubricants, metals, alignment maintenance
of balls, assembly and an uncontrolled environment. The external factors (assembly and uncontrolled envi-
ronment) cannot be mitigated in the design phase. The internal factors can be accounted for in the design
phase and selected for a design lifetime, but the main disadvantage with rolling element bearings is the need
for proper contact of the ball with the raceways, which requires proper preloading throughout its lifetime
across a wide range of temperature and loading conditions. It is very hard to practically realise and verify a
spring system capable of meeting such a wide operation load range. Moreover, this bearing type is best suited
for high and moderate RPM applications that require low friction at high RPMs. This application operates at
low RPM and requires low friction at low speeds. Therefore, rolling bearings are not suitable for this applica-
tion.

Sliding bearings:
Sliding bearings seem to overcome most of the failure root causes experienced with roller bearings. First and
foremost, sliding bearings do not make use of rolling elements. Therefore, they do not require strict preload
limits, which is crucial for the operation of roller bearings. Secondly, all kinds of sliding bearings do not re-
quire liquid lubricants to function. As shown in Figure (5.28), dry rubbing bearings use polymer materials
with a low friction co-efficient surface. Moreover, the other sleeves bearing types are not applicable for this
application as they require a liquid lubricant to be stored and pumped in certain cases. The dry rubbing
sliding bearing overcomes multiple failure causes by eliminating the use of metals and lubricants. Contam-
ination, decomposition and optimal level maintenance of lubricants were common causes of sliding and
roller bearings failure. Failure mechanisms like corrosion and fatigue failure due to micro-structure change
can be eliminated by avoiding the usage of metals. An entire plethora of failure mechanisms (refer 5.32 &
subsection (5.6.5)) can be eradicated by avoiding the use of lubricants. But eliminating lubricants also leads
to one big problem, which is increased friction. Fortunately, this application operates at extremely low speeds
(0.4 RPM maximum) and has a lower lifetime of just 30000 revolutions in orbit compared to applications like
reaction wheels that have a lifetime in the order of billions of revolutions in 5 years. Due to the low speed,
the friction and wear experienced with dry rubbing sleeve bearings will be extremely low, thus making them
a lucrative solution for this application. Therefore, dry rubbing sleeve bearings will be considered for use in
this application. But precautions must be taken to ensure that these bearings do not cause more friction than
what can be provided by the rotary actuator.
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Now that a bearing type has been selected, the next step will be to find a COTS bearing of the same type
that meets the application’s requirements. This will be addressed in the next subsection.

5.6.7. COTS bearing selection
A company called Iglidur was found to make a wide range of dry rubbing polymer-based sliding bearings for
various applications. The company offers various grades of materials suited for specific purposes as- G (gen-
eral purpose), A (food-grade), H (media resistance), J (long-life applications), Q (high loads), F (electrically
conductive & Electro Static Discharge (ESD) compatible), X and Z (high-temperature, chemical resistance &
low moisture absorption) and R and D (low-cost & silicone-based). Among the various grades of materials
offered by the company, the inappropriate materials for the application were eliminated first; this included
material categories - G, A, F, R, Q and D. These categories of materials have been eliminated because they are
designed for terrestrial applications (not vacuum compatible & radiation tolerant), have higher percentages
of moisture absorption, not capable of handling high shock loads, and grade-F material is electrically con-
ductive which is not desirable as it can cause micro-welding as discussed earlier.

Trade-off process, criteria and rationale
The remaining materials options are - H, J, X and Z. The properties of these materials will be compared and
traded off in Table (5.24) with the application’s requirements. If the material’s specification meets or exceeds
the requirement, the cell is coloured in green, and the corresponding material is awarded a score of 1. If the
material’s specification does not meet the requirement, the cell is coloured in red, and the corresponding
material is awarded a score of 0. The material with the maximum final score is selected as it meets most
requirements. The trade-off criteria used for this process were the bearing dimensions, coefficient of friction,
surface pressure, vacuum operation, radiation tolerance, operating temperature range and service life. The
trade-off criteria and their rationale are stated below:

1. Bearing dimensions: The bearing dimensions were chosen as a trade-off criterion because the bear-
ing has to fit within the housing as defined in SADM-BG-001. It was found in section (5.5.7) that the
optimal shaft diameter for arranging all the wires around the shaft and considering strength was 4mm.
Therefore the bore diameter of the bearing shall be 4mm. This can be made lower by step-turning the
shaft but it is not desirable as it will reduce the strength of the shaft. The outer diameter limit is kept
as 6.9 mm, the maximum height of the housing, but the bearing’s outer diameter will have to be lower
than this dimension as it has to fit within the housing.

2. Coefficient of friction: The coefficient of friction was chosen as a trade-off criterion because the lower
the friction, the lower the dissipative effects like wear, noise and heat.

3. Surface pressure: The surface pressure (PSP ) was chosen as a criterion because the bearing has to
withstand the launch load of 250 N as specified in SADM-BG-002. The approximate maximum surface
pressure expected to act on a sleeve bearing with a dimension of 4mm inner diameter and 5.5 mm is
calculated below and was found as 21 N/mm2. The bearing length was chosen as 3mm for this calcu-
lation because, 3 to 12 mm was found to be the range of bearing length dimensions corresponding to
4mm inner diameter of sleeve bearings from Iglidur datasheets [60] [61], and as the surface pressure
is inversely proportional to the length, the minimum length was chosen to get the maximum surface
pressure.

PSP = Fmax

LD
(5.53)

PSP = 250

4×3
= 20.833N /mm2 ∼ 21N /mm2 (5.54)

4. Operation in vacuum & radiation tolerance: As the system should be operational in the space envi-
ronment as specified in SADM-BG-003, it is necessary that it must not outgas in vacuum conditions and
should not deteriorate under the influence of radiation; the criterion of vacuum operation and radia-
tion limit were chosen as the trade-off criteria. The materials tested in vacuum have been highlighted
in green, whereas the materials that have not been but require a customised version to be applicable
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5. Detailed system design

are highlighted in orange. The limit of 10 krad on radiation was set because it was found by simulations
in section (5.1.4) that a 3mm thick aluminium allows 10 krad of TID over a period of 5 years which is
the design lifetime of the SADM system.

5. Operational temperature: The operational temperature was chosen as a trade-off criterion as the bear-
ing must not change its properties within the operational temperature range of the system as stated in
SADM-ENV-003.

6. Service life: The service life was included as a trade-off criterion because it determines the feasibility
of the solution over its design lifetime. The service life required for this application was calculated to
be 43000 hours considering five years of continuous operation (5 years × 365 days × 24 hours). The
service life was obtained from the service life calculator of the Iglide bearings [59] for load conditions:

• Bore diameter: The bore diameter was chosen as 4mm, corresponding to the shaft diameter.

• Maximum dynamic load: 250 N was calculated as the maximum force due to launch loads.

• Radial static load at rest: 10 N is the weight of the solar array on Earth.

• Maximum temperature: 125 C was defined as the maximum operating temperature of the system.

• Minimum temperature: -65 C was defined as the minimum operating temperature of the system.

• Nominal RPM: 0.02 RPM is the average rotational speed of solar arrays in sunlit and eclipse re-
gions (refer to Table 4.7).

• Shaft material: Stainless steel - The shaft material is made of stainless steel, considering its strength.

• Housing material: Aluminium - The bearing housing will be made of aluminium to match the
thermal expansion of the SADM housing.

• Maximum radial clearance: 0.025mm - This was the minimum permissible wear allowed by the
software. The minimum value was chosen because minimal wear is desirable for any application
to increase its lifetime.

Based on these environmental and load conditions, the software calculated the service life of the dif-
ferent bearing material types, as shown in Figure (A.19); this is used in the trade-off table.

Bearing
material type

Bore & outer
diameter (mm)

Co-efficient of
static friction

Surface
pressure

limit (MPa)

Vacuum
operation

Radiation
limit (krad)

Operating
temperature

range
Service life (h) Total

Requirement 4 & < 6.9 mm
Least

possible
21 Necessary 10 krad -65 to 125 43800 hrs Max

J350 4 & 5.5 0.1 - 0.2 60 Possible 20 -100 to 180 610000 5
L350 4 & 5.5 0.07 - 0.18 60 Possible 20 -100 to 180 1993 4
L500 4 & 5.5 0.08 - 0.15 70 Possible 30 -100 to 250 2400 4
H1 4 & 5.5 0.06 - 0.2 80 Possible 20 -40 to 200 1400 3
Z 4 & 5.5 0.06 - 0.14 150 Tested 104 -100 to 250 92072 7
X 4 & 5.5 0.09 - 0.25 150 Tested 2 x 104 -100 to 250 5075 5

Table 5.24: COTS-bearing-selection

As depicted in the trade-off table above, Z-type material was the most suitable material for this applica-
tion among the many polymer options of plain bearings offered by Iglidur. This material meets almost all the
bearing requirements of this application, like dimension limit, least coefficient of friction, surface pressure,
vacuum compatibility, radiation tolerance and operating temperature range. Compared to the other materi-
als, this material exceeds the required service life by a factor of two. The J350 material had the highest service
life for the given environmental and load conditions but it was known from communications with the com-
pany that the X and Z family of materials were the only materials tested for operation in vacuum conditions.
Moreover, the Z-type material has a maximum moisture absorption level of 1.1 % of weight as compared to
1.6 % for the J350 material. Thus, making the Z material as the best-suited choice for the J350. The complete
data sheet of this bearing is attached in (A.8).
The appropriate COTS bearing and the material have been selected. It was discussed in the sub-section (5.6.5)
that even though these dry rubbing polymer-based sliding bearings overcome most of the drawbacks of the
rolling element bearings, they have the disadvantage of high friction. Even though the selected bearing has
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a low coefficient of friction, it is important to find if the maximum friction generated by this bearing is lower
than the torque produced by the motor and the gearbox combination. The next sub-section will be aimed at
finding this.

5.6.8. Bearing friction & load calculation
The bearing friction can be divided into two types based on the velocity of the shaft. If the shaft is stationary,
then static friction is applied by the bearing on the shaft. If the shaft moves relative to the bearing, then
dynamic friction comes into effect. The motor has to overcome this resistive motion to drive the solar arrays.
The friction characteristics of the selected bearing are given in A.22 and as shown in Figure (5.34). The static
and dynamic friction of the selected bearing will be calculated in the consequent sub-sections.

Figure 5.34: Friction co-efficient versus surface speed of Z-type plain bearing A.22

Static friction calculation
The friction coefficient corresponding to zero velocity in the graph (5.34) is close to 0.18 which is the static
friction coefficient of the Z-type bearing. The static friction for this value is calculated as below:

fs =µs N (5.55)

As static friction depends on the normal force, the normal force applied by the bearing surface on the
shaft in ground conditions is just the weight of the solar arrays calculated below. The ground condition is
considered to calculate the static friction because this is the maximum normal force that can occur during
the operational period of the bearing as compared to when it is in space where the gravity is in the order of
micro m/s2.

N = mg = 1.1×9.81 = 10.791N (5.56)

The static friction corresponding to this normal force is calculated as below:

fs = 0.18×10.791 = 1.94N (5.57)

The static friction torque corresponding to the static friction is expressed in the equation below:

τ f s = fs × r (5.58)

The friction torque corresponding to this static friction value is calculated as shown below, where the
radius of the bearing is 2mm. The friction torque is calculated so that it is easy to compare with the actuation
torque produced by the motor.

τ f s = 1.94×2 = 3.88N mm = 0.00388N m = 3.88mN m (5.59)
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Dynamic friction calculation
To calculate the maximum dynamic friction coefficient, the maximum speed of the shaft must be known. The
maximum speed of the shaft was calculated as 0.04 rad/s as stated in Table (4.7). This is equal to 8 × 10−5 m/s.
This corresponds to a very small increase in the friction coefficient value compared to the static friction value
found in Figure (5.34) as this value is very close to zero. Calculating the friction value for this minute change
in the dynamic friction coefficient does not render much significance. The dynamic friction coefficient can
also vary with temperature and surface roughness caused by wear over the lifetime. This effect is hard to
predict or model, therefore the maximum friction coefficient (0.25) plotted in the graph will be selected, and
the dynamic friction will be calculated for this value to get a rough estimate of the worst-case friction that
can be encountered in the application’s lifetime considering unpredictable effects like temperature-induced
effects and wear of the surface. The expression to calculate the dynamic friction force is as shown below:

fd =µd N (5.60)

The worst-case dynamic friction force for the maximum dynamic friction coefficient value of 0.25 is as
calculated below:

fd = 0.25×10.79 = 2.7N (5.61)

The torque due to this dynamic frictional force as a function of the bearing radius & dynamic friction is
shown in the expression below:

τ f d = fd × r (5.62)

The worst-case dynamic friction torque for the application is as calculated below:

τ f d = 2.7×2 = 5.4N mm or 0.0054N m (5.63)

As every application requires two bearings to support the shaft, the static and dynamic frictions calculated
will be twice the calculated values. In this case, the maximum dynamic torque for this application will be
0.0108 Nm. The dynamic friction value is 130 times lower than the torque provided by the combination of the
motor, gearbox and the external gear, which was calculated as 1.44 Nm in section (5.3.4). This theoretically
verifies that the chosen bearing is compatible with this application from a torque balance perspective.

Summary of bearing friction calculation
The static and dynamic friction values will be twice the calculated values as two bearings will be utilised;
these values are summarised in Table (5.25) below. As highlighted in the table, the maximum friction and
friction torque values occur in the dynamic case.

Friction force
(N)

Friction torque
(Nm)

Static 3.88 7.6 ×10−3

Dynamic 5.4 1.08 ×10−2

Table 5.25: Summary of bearing friction calculation for two Z-type sliding bearings

The selected bearing will be integrated with the SADM as discussed in the next section.

5.6.9. Summary of bearing selection
At the beginning of this chapter, a research objective for this section was set, which was to select a bearing
that overcomes the failure modes encountered with conventional roller bearings that caused most of the fail-
ures in space mechanisms and to size the bearing such that it meets the current application’s requirements.
To answer this question, the failure mechanisms of the roller bearings were explored in detail, and it was
found that the root cause of most of these failure mechanisms were lubricants, inherent metal structure de-
fects and the need for maintaining proper alignment of the rolling element and the difficulty in achieving it.
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Dry rubbing sliding bearings made of polymers seem to overcome most failure mechanisms by eliminating
the causes -lubricants, metals, and rolling elements. But this type of bearing had the disadvantage of having
higher friction than roller bearings. Due to the low speed and low application force encountered in this appli-
cation, the resulting friction is also low, making it the most suitable choice. A COTS product, the Z-material
type sliding bearing made by Iglidur A.20 was found to be the most appropriate bearing for this application’s
requirement and does not involve failure-causing elements that are a part of roller bearings.
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5.7. Position sensing
In this section, the position sensor required to estimate the solar array position will be explored. This is done
by firstly exploring the purpose of the position sensing element in sub-section 5.7.1. The SADM’s require-
ments are then translated to the position sensing element in sub-section 5.7.2. Based on the requirements,
the position sensor specifications are calculated in sub-section 5.7.3. The design options of the position sen-
sors are explored in sub-section 5.7.4 followed by the trade-off and technology selection in the same section.
The section ends with a summary 5.7.5 of the design decisions accomplished within this section.

5.7.1. Purpose
Even though the actuator selected for this application is a stepper motor that works on an open loop feedback
where the number of steps made by the stepper motor can be kept account of by counting the number of
control pulses, it is beneficial to have a position sensor for this application because of two reasons:

• The Flex-wrap has a rotation angle limit of ± 180 degrees & beyond the limit the flex PCB would get
damaged. So the knowledge of a reference position of the shaft is necessary to prevent overshooting
this defined range of rotation.

• The position knowledge of the shaft is also good to know when the ADCS is not powered or when the
SADM has just rebooted. Then the shaft position can be used to compute the solar array position and
rotated to the required position.

5.7.2. Requirements
The SADM requirements that are pertinent to the position sensor are SADM-PER-001 and SADM-PER-002.
Apart from these requirements, the position sensor must also fit within the housing in order to be compat-
ible with requirements SADM-INT-001 & SADM-INT-002. This would mean that the position sensor must
fit within the 6.5mm height limit. As applicable for all other elements and components of the SADM, the
position sensing element must also comply to the launch and space environment as stated in requirements
SADM-ENV-001 to SADM-ENV-011.

5.7.3. Position sensor requirement calculation
To size and select the position sensor, two main parameters must be known, the resolution of the sensor
and the update frequency at which the measurements must be made. There are also other performance
parameters that quantify sensor performance like accuracy, precision and linearity. But these two parameters
are sufficient for a preliminary selection and will be calculated in the following sub-sections.

Angular resolution
The pointing accuracy of the solar panels was defined to be ±8 degrees as stated in SADM-PER-001. This
would mean that the position sensor should have a minimum resolution of 8 degrees.

θr es = 8o (5.64)

Converting this to digital resolution:
3600

2n = 8o (5.65)

Solving for which:
n ∼ 6 (5.66)

Therefore, the sensor resolution should be greater than 6-bits for this application.

Update frequency
Update frequency states the number of measurements that have to be made by the sensor in unit time. This
is mainly defined by the maximum speed of the shaft because the position sensing element would have to
make the required measurement for the worst case of the application. If the position sensing element can
make measurements in the worst case of the application in terms of speed, it can make the measurements
at the required frequency also during other operation scenarios. The maximum speed of the solar arrays was
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found to be 0.4 RPM as summarized in Table 4.6. The update frequency required for this speed is calculated
as below:

0.4

60
= 6.66×10−3H z (5.67)

This is less than 1Hz, so any sensor with more than 1Hz update frequency would suffice for this applica-
tion. The low update frequency required is due to the low RPM operation of the SADM.

5.7.4. Position sensor design options & trade-off
Position sensors can be classified based on continuity of position measurement and the working principle
they use to measure position. Based on the continuity of position measurement, position sensors are classi-
fied as incremental and absolute encoders. Incremental encoder can only give the change in position which is
useful to measure the speed & distance. Incremental encoders also lose track of reference position once pow-
ered on and off which would make them unsuitable for this application. Absolute encoder gives the exact
position of the shaft at any given time which is useful to measure angular position. This application requires
the shaft position knowledge at any given time. This is why the absolute encoder is the right choice for this
application.
Based on the working principle used to measure position, position sensors are classified as stated below:

• Potentiometeric: Potentiometers have a contact surface that moves along a resistive track and as the
length changes, the voltage measured across the line changes which is used to compute the position.
As they are contact based they can be easily damaged due to vibrations, they also use lubricants that
may outgas in space. Therefore, they are not suitable for this application.

• Optical: Optical position sensors are usually termed as encoders. They have a light source that is made
to pass through a slotted disc or reflected. The gratings have different slit widths or grey codes that
correspond to the unique position location. This technology is not suitable for this application be-
cause optics darken in space due to radiation. Customization of optics used in encoders are difficult to
achieve as they are mass produced.

• Magnetic: Magnetic position sensors are also called as encoders and have a similar working principle
as the optical encoders but use magnetic poles instead of gratings to measure position. If the magnetic
pulses are converted to voltage then it is a Hall-effect sensor that is the most common magnetic sensor.

• Capacitive: Capacitive encoders make use of the capacitve effect to measure position. The capaci-
tance between two surface depends on the distance of separation between them, dielectric constant of
material between them, percentage of overlap and area of the plates. A capacitive encoder can make
measure the change in any of these parameters to measure distance.

A search was conducted for COTS magnetic and capacitive encoders, many of them met the resolution
and update frequency requirement but none of them met the dimensional requirement of 6.5 mm. This
means that the requirement SADM-IF-001 and SADM-IF-002 cannot be met using COTS encoders. An en-
coder has to be custom-designed which is not feasible within the scope of the thesis.
Alternatively, the reference position could be set by using a mechanical stop or a magnetic sensor switch. The
search for the appropriate magnetic switch could not be conducted within this thesis, therefore a mechan-
ical stop would be used and the author would recommend further investigation into position sensors and
designing them if required.

5.7.5. Summary
In this section, the position sensor was found to be required to measure and keep track of the position of the
shaft to prevent it from crossing the 180 degrees rotation angle limit and to control its position. A minimal res-
olution of 6 bits and an update frequency of 1Hz or more was found to be required. Magnetic and capacitive
encoders were found to be suitable technology options but none of them were available in the dimensions
required. Therefore, this aspect of the design will be left for future work.

5.8. Chapter summary
This chapter designed the main elements of the SADM by converting the design calculations made in chapter
4 and by considering the requirements and constraints defined in chapter 3. The chapter started by designing
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a modular housing that drives only one solar array such that it is applicable to more than one panel mount-
ing configuration. The housing will be fabricated out of Al-6061-T6 with a shielding thickness of 3.5 mm
in parts covering the electronics. The stepper motor was found to be the right rotary actuator technology
for this application because of its positional accuracy and good low RPM performance (absence of cogging
torque). The Faulhaber DM0620 stepper motor was the best-suited one considering power, cost, shorter lead
times and gearbox availability. It was also found that a mechanical power transmission system (gearbox) was
required to alter the torque produced by the motor to achieve a higher torque value which the current appli-
cation needs. A motor gear box with a gear ratio of 4096 and an external bevel gear with a gear ratio of 3 was
designed to optimise the gear for inertia matching, torque amplification and maximum power transfer. The
bevel gears will be made of PEEK considering shock absorption, low wear and lubrication-less functioning.
Four stainless steel M3 bolts were chosen as the mechanical interface by sizing them considering preload
and strength to withstand launch forces. A 25-pin nano-D connector [57] was chosen as the data interface
between the SADM and the CubeSat mounted systems. A 9-pin micro-D connector [67] with 2A current limit
was chosen as the power interface. A new power and data transfer mechanism has been designed and termed
as the Flex-wrap that combines the best features of the cable wrap and goose-neck while overcoming draw-
backs of the slipring (by eliminating brushes). The Flex-wrap uses a spirally coiled Flexible Printed Circuit to
transfer power and data while allowing rotation by coiling and uncoiling. The Z-material type sliding bearing
made by Iglidur A.20 was found to be the most appropriate bearing for this application’s requirement and
does not involve failure-causing elements that are a part of roller bearings like metals, need for preload main-
tenance, rolling elements and liquid lubricants. The next chapter will be aimed at integrating these elements
in to one sub-system.

128



6
System integration

The previous chapter had described in detail about the design of each element of the SADM by exploring
the design choices, trade-off and technology selection based on the requirements and finally the component
design in the case of custom-made components like gears and the Flex-wrap’s FPC. This chapter will bring
together all these components by discussing how they will be integrated into the SADM, followed by evalu-
ating the verification of the requirements. This chapter aims to answer the research question 3 by detailing
the verification approach taken to verify the requirements. In order to achieve this, the chapter starts with
a description of the resultant SADM design in section 6.1. The elements of the SADM have to be integrated
mechanically and electrically, therefore the section describes the mechanical and electrical integration of the
elements in sections 6.2 and 6.3 respectively. The key design features of the current SADM is the modularity
and scalability, this dimension of the design is explored and verified in sections 6.4 and 6.5. The verification
approach used to verify the requirements within this project and the verification plan for verifying require-
ments that could not be verified are discussed in section 6.6. The chapter ends with a summary in section
6.7.

6.1. Design description

The Figure (6.1) below shows the components of the SADM. The motor rotates the bevel gear attached to
it and as a result the bevel gear attached to the shaft meshes with the motor’s gear rotates thereby rotating
the solar arrays attached to the shaft. The FPC of the Flex-wrap being spirally wound and attached to the
shaft coils and uncoils as the shaft rotates clock-wise and anti-clockwise, thereby allowing rotation of the
solar panels and also transferring electrical power from the solar arrays to the power interface mounted on
the side of the SADM. The power and data interface attached on the right side of the housing distributes this
power to data to the SADM system and other systems outside the CubeSat like the EPS & CDH. The shaft is
supported by the two bearings placed towards the back of the housing and are held in place by their respective
housings. The control circuits in the housing are responsible for the motor’s operation. The design features
of the system and each component will be described subsequently.
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Figure 6.1: The SADM and its components labelled

Housing design
One of the first components of the SADM to be designed was the housing as it set an initial boundary on
the dimensional constraints for the enclosed components. It was mentioned in section (3.2) that the hous-
ing shall be aimed to fit within 83 × 83 × 6.9 mm in order to be compatible with the smallest CubeSat (3U).
This was obtained from one of the design requirements SADM-DES-002. According to SADM-DES-003, the
system shall also be modular in design such that it can drive more than one panel and it shall not extend
beyond one plane as defined by SADM-DES-004. The housing was designed by considering all these design
requirements and the resultant design is depicted in Figure (6.1). The housing drives one solar array to be
applicable to multiple panel mounting configurations. The housing also has a shielding of 3.5mm as calcu-
lated in section (5.1.4) to allow a total absorbed radiation dose by internal electronics to less than 10 krads
for the lifetime of five years. The shielding has been made variable so that the shielding material thickness of
3.5 mm is applicable only for the electronics. The thinnest part of the housing is 0.5 mm thick and is found
in the region just below the shaft. Other components that are less susceptible to radiation like motor, shaft,
FPC of the Flex-wrap, interfaces and bearings have a lower material thickness beneath them so that they can
fit within the housing. It can be observed that the housing is not symmetric with respect to the placement of
the shaft. The shaft has been placed at an offset from the center axis of the housing. This was done to save
space. The gear had to be placed perpendicular to the shaft, the interfaces could be placed in the same orien-
tation as the motor so that the housing is symmetric, but this would increase the dimensions of the housing
exceeding the dimensional requirements. In result the housing was found to have a dimension of 70 × 50 ×
6.9 mm, which is very well below the defined dimensional requirement. The housing was made smaller than
required dimensional limits by minimising the control electronics area. This was done on requirement of AAC
Hyperion to keep the electronics area to the least minimum area possible. The housing has rounded edges
externally and internally in the cut sections to avoid concentration of stresses in the corners. The motor sits
on a mating cavity within the housing that is semi-cylindrical in shape. This cavity restrains the motor from
moving forward or back. The cavity when machined could have tolerances resulting from the machining and
there might also be differences induced due to the motor’s dimensional tolerances which may cause error in
fitting and alignment of motor axis with shaft axis. This has to be accounted for by calculating and consider-
ing the machining tolerances while manufacturing the housing. The excess tolerances and clearances can be
accounted for by using glue to mount the motor to the cavity. The bearing mount has an extrusion towards
its left side that clamps the motor on the top side, thus preventing the motor from counter-rotation. The
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housing also has cut-outs on the side to allow the interfaces to fit within. The housing will be fabricated out
of Aluminium 6061-T6 series grade because of the reasons stated in section 5.1.4. Therefore, housing would
be machined using Computer Numerical Control (CNC) machine out of a single block of Aluminium.

Shaft design
The shaft is a solid piece of a cylindrical element that connects the motor to the solar arrays and is supported
by the bearings. The shaft has a diameter of 4mm and will be made of stainless steel, considering its strength.
The shaft will be made of two parts that will be joined to each other by screw-thread. This is shown in Figure
(6.2). The shaft was made of two parts because the gear had to be fit into one of them, and the gear had a
maximum diameter of 5.6 mm (Refer to Table 5.12) which meant the shaft of the gear was lower than 4mm
and this had to be pushed into the shaft from one end. The final dimensions of the shaft have to be arrived
upon by considering tolerances and fit with the bearings. The shaft must have slide fit with the bearings so
that they can rotate. This would mean that the shaft must have a diameter few micrometers less than the
inner diameter of the bearings. This would have to be determined based on differential thermal expansion of
the shaft and bearing for the operating temperature range.

Figure 6.2: Two parts of the shaft

The next sub-sections will describe the assembly steps, mechanical and electrical connections of the
SADM.

6.2. Mechanical integration
All the components have to be fixed on the housing mechanically to hold them in place. The components
must be firstly mechanically assembled to allow electrical connections. The order of assembly of the compo-
nents and the method of mechanical integration for each component are described below:

1. Motor to housing: The motor has to be first joined with the gearbox. Then this combination has to fit
into the housing. As mentioned earlier, this will be achieved by mounting the motor to the semi-circular
cavity in the housing. As the motor is constrained by removable attachments, it can be disassembled
easily. The motor can also be fixed using adhesive to achieve a permanent joint before launch.

2. Bevel gear to motor: The bevel gear will be mounted to the motor utilizing a key that tight fits into the
keyhole between the motor shaft and the gear.

3. Bearing to housing: The bearing has to be first inspected with a pin gauge to determine if it matches
the dimensions and tolerances. Using an arbour press, the bearing is then press-fitted into the custom-
made bearing housing. The bearing is also inspected for dimensions after fitting using a pin gauge.
A pin gauge is a tool with a particular diameter, which is dropped into the bearing. If the pin slides
without stopping the bearing has been fit perfectly and if it does not, the bearing was wrongly fit. The
bearing housing is then attached to the SADM housing using M 1.7 screws as they were dimensionally
compatible to fit four of them within the housing. The bearing housing will also be aluminium to avoid
differential thermal expansions.

4. Bevel gear to the first part of shaft: The driven bevel gear will be attached to the first part of the shaft
using a micro-screw that passes through the bearing and the shaft. It has to be ensured that the gear
mates and inter-meshes with the driver gear attached to the motor. This can be adjusted manually by
rotating the driven gear.

5. Wires soldered to FPC: The FPC must be firstly inspected for errors and adherence to design. The wires
coming from the solar arrays must then be soldered to the FPC as shown in Figure 6.3c by keeping them
on a flat surface. The next step must be carried out after the solder has dried.

131



6. System integration

6. FPC to shaft: The most challenging part of the assembly is attaching the FPC to the shaft. The FPC
has to be bonded to the shaft using adhesive. Length equal to the circumference of the shaft has to
be applied with glue on the FPC and then wound around the shaft. The FPC can uncurl itself due to
its spring-like nature. The coiled FPC must be kept in position using a jig that clamps and holds the
coiled FPC in position. The adhesive of choice is 3M Scotch-Weld 2216 epoxy adhesive. After curing the
adhesive for at least 24 hours, the next step must be carried out.

7. Second part of the shaft to first part of shaft: The second part of the shaft to which the FPC is now
bonded can be simply attached to the second part by screwing it in. The inner part of the thread can
be impregnated with industrial-grade thin adhesive to achieve a permanent connection before launch
and to prevent loosening when rotating in the anti-clockwise direction.

8. FPC to connector: The other end of the FPC has to be connected to the electrical and data interfaces.
The second PCB on the right-hand comes in handy for this purpose. The FPC is connected to these
interfaces by soldering wires from the connector or by using connectors mounted on the PCB like Zero-
Insertion Force connectors for FPC. Connectors would be much preferable as they allow disassembly
but the choice depends on the electronics designer and the space available.

9. Control circuits to housing: The control circuits are connected to the housing by M1.4 stainless steel
screws as there would be not much force acting on the PCB. A rubber or silicone-based o-ring can be
used between the housing and the PCB to avoid direct contact of PCB with the housing and dampen
vibrations.

10. SADM to CubeSat: The SADM is connected to the CubeSat structure by means of the four stainless steel
M3 bolts as described in section (5.4.3). This step is carried out after the mechanical and electrical inte-
gration. Measuring the torque applied to tighten the bolt to achieve the required preload is important.
This must be done using a torque wrench or a hydraulic preload.

6.3. Electrical integration
This section will describe about the electrical connections between the components.

1. Solar panel wires to FPC: The wires from the solar panels are arranged around the shaft in a circular
layout. The wires have increasing lengths in such way that they form the diagonal of the FPC. This was
a design choice to accommodate as many wires as possible as the rectangle’s diagonal hypotenuse is
the longest side. The wires will be connected to the Flex-wrap’s FPC by soldering as shown in Figure
6.3c.

2. FPC to interface connection: The other end of the FPC will interface with the electrical and data in-
terface of the SADM through the second rigid PCB on the right-hand side. The FPC will be connected
to the rigid PCB ideally using a connector as shown in Figure 6.3d, and the wires from the power and
data connector will also be soldered to the corresponding pads of the rigid PCB. Thereby serving as
a connection board between the two. If the interfaces do not fit within the rigid PCB or if the mating
interfaces meeting the dimensional requirements are not found, the FPC can be soldered to the rigid
PCB as shown in Figure 6.3c and the wires from the data and power connector can be connected to the
rigid PCB using connectors shown in Figure 6.3a.

3. Inter-connection between the two rigid PCBs: As the electrical and data interface bring regulated
power from the EPS and satellite attitude knowledge data and commands from the CDH and as they
interface with the rigid PCB on the right-side, the two rigid PCBs must be connected to each other. This
connection will be achieved by Hirose DF-13 connectors.

4. PCB connection with motor: The motor also has a FPC connector that has to be connected to the
control circuit PCB. This is achieved by a ZIF connector mounted on the PCB. This connection allows
the control circuit to send pulses and control the stepper motor.

5. SADM to CubeSat systems The SADM has the two connectors on the left side of the housing, there
would be mating connectors connecting the SADM to the CubeSat sytems like the EPS. A hole would
have to be made on the CubeSat structure for these wires to pass through. As the current SADM design
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does not occupy all the area of a face compared to other SADMs, making a hole on this face for passing
the wires would not be hard.

(a) Power interface to PCB

(b) FPC soldered to rigid PCB

(c) Wire soldered to PCB or FPC

(d) Zero-insertion force connector

Figure 6.3: Electrical connection methods

6.4. Modularity

One of the key consideration in designing the SADM was to design it modular for mulitple panel mounting
configurations as stated in SADM-DES-003. This requirement was considered while designing the housing
and the housing shape was designed to be compatible with 5 or more panel mounting configurations as
shown in Figure 5.1. Modularity in the design is achieved by driving a single solar array by one SADM system
so that they can be combined in various combinations to attain different panel mounting configurations as
required by the customer. Four SADMs mounted on the top face of the 12U CubeSat as shown in Figure 6.4,
demonstrate this fact that the designed system is modular and fits within the dimensional constraints of the
12U CubeSat. Thus, satisfying requirements SADM-INT-001, SADM-DES-003 & SADM-DES-004. Observing
Figure 6.4, it can be seen that a lot of space is left on the top face, this provides advantages such as weight
saving and allowing area for payloads to have a viewing cut-out on the face where the SADM is mounted.
This is not possible with common SADMs [1, 18, 46] that take up the entire face area. The SADM can also be
mounted on other faces of the CubeSat as shown in Figure 5.1 but an XL deployer would have to be used.
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(a) 4 SADMs on 12U-CubeSat (b) Side view

Figure 6.4: The SADM fitted to a 12U CubeSat

6.5. Scalability
Even though, the SADM was designed to be applicable specifically to a 12-U CubeSat, considering its low di-
mensional form factor the SADM can be applied to a wide range of CubeSat sizes. The SADM is also scalable
to be applicable in 3U, 6U & 8U size CubeSats as shown in Figures 6.5 and 6.6. As they are applicable to smaller
CubeSats, they are also dimensionally compatible with bigger CubeSats such as 16U, 24U and 36U. The me-
chanical and electrical requirements of these bigger CubeSats would exceed the current design specifications
therefore, the current SADM shall not be considered to be applicable for these sizes of CubeSats. Scalability
comes at a cost. As the current SADM has been optimised for a 12-U CubeSat in terms of electrical power
transfer and mechanical power requirements, even though the SADM is scalable to different CubeSat sizes, it
would not be optimised for performance. The current SADM has enough power lines with current and volt-
age handling capacity to meet the power requirements of smaller CubeSats (3U, 6U and 8U) but in this case it
would be over-designed. For a 3U CubeSat that has a smaller solar panel compared to a 12U CubeSat results
in lower solar cells per panel which would further result in lower currents and voltages. This would mean that
the FPC of the Flex-wrap would not have to be 11.25 mm wide as in the current SADM. The FPC can be much
lower in width which would lead to lower dimensions of the housing in its breadth direction. The mechanical
power transfer system of gears and motors have been optimised to match the inertia, torque and power trans-
fer efficiency of a 12U size solar panel. The same gear ratio is not optimum for other CubeSat sizes that would
have a different solar panel size resulting in different mechanical power requirements. Therefore, the author
would strongly recommend designing a different version of SADM optimised for smaller CubeSats like the 3U
CubeSat. The current SADM as it is can be applied to two faces of the 6U CubeSat that have dimensions of
360 x 210 mm. The SADM designed for the 3U can be used on the other two faces of the 6U CubeSat. As the
designed SADM fits to these different sizes of the CubeSats, it meets the requirement SADM-DES-002 as well
by digital fit check or inspection.

(a) SADMs assembled on 3U-CubeSat isometric view (b) SADMs assembled on 6U-CubeSat isometric view

Figure 6.5: Scalability of the SADM to 3U and 6U CubeSats
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(a) SADMs assembled on 8U-CubeSat isometric view (b) SADMs assembled on 8U-CubeSat top view

Figure 6.6: Scalability of the SADM to 8U CubeSat

6.6. Verification
Considering the time constraint of the thesis, the prototype could not be fabricated. Therefore, requirements
that had to be verified by demonstration and testing could not be verified. As the SADM was designed on CAD
and verified for dimensional compatibility with different CubeSat structures, it fulfilled multiple interface and
design requirements as shown by the Table below (6.1).

Identifier Requirement Verification rationale

SADM_INT_001
The system shall be compatible to fit on the external surface
of a CubeSat of standard size 12 U.

Verified by fit check on CAD

SADM_INT_002
The system shall be stowed in the defined volume envelope
specified for a standard 12U CubeSat deployer.

Verified by fit check on CAD

SADM-DES-002
The design of the system should be scalable to be usable in
3-16 U standard CubeSat sizes.

Verified by fit check on CAD

SADM-DES-003
The design of the system should be such that it can be applied
for more than one panel mounting configuration.

Verified by CAD

SADM-DES-004 The system shall not extend beyond one plane.
Verified by design and inspection of
design

SADM-RAMS-002 The system should not use volatile fluids. Verified by review of design documentation

SADM-RAMS-003
The materials used in the system shall adhere to low out-gassing
criterion such that they have a Total Mass Loss < 1 % and CVCM < 0.1 %.

Partial verification by review of documentation

Table 6.1: Requirements verified by inspection and CAD

The remaining requirements require a working prototype to be verified by demonstration and testing.
Most of the functional (Refer to Table 3.1) and performance requirements (Refer to Table 3.2) fall under this
category. Once the prototype is ready, these requirements can be verified by the verification plan as summa-
rized in Table 6.2 below:

Identifier Requirement Verification plan
SADM-FUN-
001

The system shall be able to rotate
an array consisting of 3 rigid so-
lar panels of 12 U size (326*210
mm) each along one axis through-
out 360 degrees in space & ground.

This can be verified by demonstration using a
dummy mass for the solar panels with match-
ing inertia and by rotating them for the required
angle. The angle can be measured by an exter-
nal marker. The space environment can be sim-
ulated by demonstrating in a vacuum chamber
and weightlessness can be achieved by attach-
ing the solar panels to a spring loaded rig that
compensates gravitational acceleration.

SADM-FUN-
002

The system shall deploy and sta-
bilize the solar arrays after release
from stowed position.

The spring loaded elbow was not designed
within the scope of this thesis. This require-
ment can be verified by demonstration once the
spring loaded extension of the shaft is designed
and integrated with the SADM system.
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SADM-FUN-
003

The system shall allow the transfer
of electrical power generated from
three 12 U sized (326*210 mm) so-
lar panels to the CubeSat bus.

82 W was found to be the maximum power to be
transferred with a maximum current of 1.7 A and
a maximum voltage of 97 V. These characteristics
can be achieved using an external power source
and the response of the system can be analysed
in terms of temperature rise. This can also be
carried out by simulations.

SADM-FUN-
004

The system shall allow the trans-
fer of data generated by the panel-
mounted sensors to the CubeSat
mounted systems.

This requirement can be verified by demonstra-
tion as the sensor data can be passed through
the Flex-wrap FPC and tested if it is received at
the other end. The system can also be tested for
robustness by measuring the attenuation in sig-
nal for different environmental conditions and
while dynamic bending of the FPC.

SADM-FUN-
005

The system shall communicate
the deployment status of the solar
panels to the satellite OBC

This requirement can also be verified by demon-
stration. A simple micro-switch or pogo-pin
connector at the position where the solar panels
would come in contact once in deployed the po-
sition will be sufficient to transmit a pulse to no-
tify the deployment. This has to be taken into ac-
count while designing the electronics of the sys-
tem.

SADM-PER-001 The system shall point the solar
panels with an accuracy of atleast
±8 degree + 3 sigma with respect
to the solar incident angle (or beta
angle).

A test setup would have to be made to mea-
sure the angle of the solar panels and the control
electronics would have to be designed and inte-
grated to test this. To simulate the Sun position
a Sun simulator can be used or the system can
be simply placed in sunlight and tested to track
the position of the Sun. This can be achieved
by using a simple shadow casting element in the
middle of the solar panels, the control algorithm
must automatically be able to rotate the panel
such that least area of shadow is cast on the pan-
els. Thereby positioning the solar panels per-
pendicular to the Sun.

SADM-PER-002 The system shall give the position
of the solar panels at any point
during operation with an accuracy
of TBD degrees.

The shaft position sensor readout is sufficient to
verify this requirement.

SADM-PER-003 The system shall have an in-orbit
duty of at least 29200 cycles in
LEO.

This requirement can be verified by testing the
system’s functionality in vacuum and tempera-
ture cycling. This will be a complete life test
of the system. The performance of the system
can be compared before and after the life-test
to have a complete understanding. The analysis
can be in the form of a micro-vibration measure-
ment or functionality test or both.

SADM-PER-004 The system shall have 29200 on-
ground working cycles.

The system can also be tested for part of the life-
time or the entire lifetime on ground and the
change in performance can be evaluated.

SADM-INT-003 The system shall provide mechan-
ical connection interface between
solar panels and satellite.

This can be verified by assembling the SADM
housing and its components together to the
CubeSat structure. The mechanical integrity can
be verified by random vibration testing of the
system.
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SADM-INT-004 The system shall provide electrical
connection interface between so-
lar panels and satellite power bus.

This can be verified by testing the electrical
conductivity across the electrical interfaces and
connections of the system.

SADM-INT-005 The system shall provide data in-
terface between panel-mounted
sensors and satellite data bus.

This can be demonstrated by monitoring sensor
readout from the system.

Table 6.2: Verification approach for requirements needing demonstration and testing

As far as verification by testing is concerned, all environmental requirements (SADM-ENV-001 to SADM-
ENV-011) fall under this category. The author would like to propose a verification plan to verify these en-
vironmental requirements. The testing can be split into two parts - mechanical and thermal environment.
The mechanical environmental testing is carried out in a series of steps starting with functional testing and
performance analysis, followed by resonance survey, sinusoidal vibration test, random vibration and again
random vibration followed by performance test. This sequence is repeated for the three axes. Shock testing
is carried out on all three axes followed by thermal testing. The mechanical loads are different for the accep-
tance and qualification stages as specified in [108]. The thermal testing involves cooling the system to the
minimum operational temperature and after a set dwell time a functional test is conducted. The system is
then heated incrementally upto the maximum operational temperature and allowed to dwell for a set period
of time after which the functional testing is performed again. The number of cycles and the limits may vary
with ECSS (ECSS-E-ST-10-03C) and NASA standards.

6.7. Summary
In this chapter, the integrated system design was described and its mechanical and electrical integration were
specified. The modularity and scalability of the system were verified using CAD. It was found that the SADM
is modular to be applicable to more than 5 different panel mounting configurations. The SADM was found to
be scalable to smaller CubeSats (3U, 6U and 8U) but are recommended to adapt the design for a 3U CubeSat
to avoid over-design. As the prototype could not be realised within the time-frame of the project interface and
design requirements were verified by CAD and inspection of documentation. The environmental, functional
and performance requirements can be verified only once the functional prototype has been realised. But a
verification approach has been provided in this chapter.
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7
Conclusions

The main goal of this thesis was to design a SADM for CubeSats in LEO, in particular a 12U CubeSat. The
SADM was desirable to be modular, scalable and reliable. Initially, few research questions were formulated
to reach this goal in sub-section 1.2. The thesis has designed a SADM that meets the requirements set by
the stakeholders in chapter 3. This chapter will describe the resultant design and will answer the research
questions that have been investigated over the time period of the thesis. As the timeline was restricted, a
working prototype could not be achieved, therefore the chapter ends with a list of recommendations for
continuing the project and to realize a functional and space-operational SADM.

7.1. Results and Discussion
In this section, the design of the SADM will be described followed by answers to the research questions and
discussions.

7.1.1. Overview of the design
The popularity of CubeSats have grown increasingly over the years since its inception. It has grown from sim-
ple university-based research and technology demonstration missions to global-scale commercial applica-
tions like Earth observation, communications, hyper-spectral imaging, on-board Artificial Intelligence (AI)-
based data processing and in-orbit manufacturing. Sufficient electrical power generation is a prime necessity
to achieve this applicability of CubeSats to such a wide range of advanced missions because they demand a
lot of power. The Solar Array Drive Mechanism is a solution to this demand that articulates the solar panels
to optimally position (perpendicular) them with respect to the Sun such that maximum power can be gener-
ated by the solar panels. Market research was conducted, and a gap was found for a modular, scalable and
failure-free SADM system. The existent commercial solutions were applicable to limited solar array mount-
ing configurations on the CubeSat frame, making them less modular, and they had to be redesigned to be
compatible with multiple CubeSat sizes or, in some cases, not scalable at all. Power system failure and me-
chanical failures combined were the most common cause of CubeSat mission failure after no-contact [119].
It was found that the solar array deployable mechanisms were most susceptible to failure compared to other
deployable mechanisms based on insurance claims [172]. Tribological sources were the most prevalent cause
of such failures. This project was aimed at filling this industrial and research gap by answering the question
below:

" How to design a Solar Array Drive Mechanism for CubeSats that is modular, scalable and
overcomes tribological failures experienced with space mechanisms? "

The main functional requirement of the SADM system was to rotate the solar arrays so they can be optimally
positioned with respect to the Sun and to transfer the power generated by the PV cells to the CubeSat along
with the data generated by the sensors mounted on the panels. Additionally, the system had to comply with
space and launch environmental requirements which enforce vacuum operation, temperature cycling, vi-
bration, shock loads and a lifetime of 5 years. Over the course of this thesis, a SADM system was designed to
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meet these requirements while answering the research question. The designed SADM system is shown in the
Figure (7.1) followed by a brief explanation of the design.

(a) Top view of SADM assembled with 12U structure

(b) Bottom view of SADM assembled with 12U size solar panel

Figure 7.1: Final SADM design

As the system was desirable to be modular, the SADM drives only one solar array. So that multiple such
SADMs can be combined together to achieve any panel mounting configuration. The SADM also fits within
a dimension limit of 70 × 50 × 6.9 mm such that two of such systems can fit on top of a 3U CubeSat, thereby
also fitting on a 12U CubeSat, thus making it scalable. The stepper motor shown in the figure is responsible
for rotating the solar panels. As the torque provided by the motor was insufficient, a gearbox and an external
bevel gear were utilized to amplify the torque. Two polymer-based plain bearings were utilised to support
the shaft, dissipate shaft loads and allow smooth rotation. Polymer-based plain bearings were chosen as they
do not employ failure-causing elements like liquid or grease lubricants, metals that face corrosion or rolling
elements that need accurate preloading for alignment maintenance. The "Flex-wrap" is the novelty of the
project. It is a power and data transfer mechanism that uses a flex-PCB spirally wound around the shaft to
allow shaft rotation. The Flex-wrap satisfies the second main requirement of transferring power and data
while allowing rotation of the solar arrays. This mechanism overcomes the drawbacks posed by sliprings
which make use of brushes that cause debris generation which led to friction and sparking. This design
also overcomes the disadvantage of the goose-neck that imposed a high bending radius requirement of the
FPC, which would lead to fatigue failure due to repetitive bending. It transfers the power and data from
the solar arrays to the CubeSat mounted systems via the electrical and data interfaces mounted on the right
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side of the housing. The electrical and data interfaces also bring data and regulated power from CubeSat
mounted systems to the SADM. The control electronics contain all the electronic components required to
drive the motors and ensure proper functioning. By eliminating the sources of tribological failure in the
bearings and power and data transfer mechanism, the system aims to mitigate failure and achieve reliability
over its lifetime. Thus answering the main research question for the thesis. The system is yet to be verified by
testing but most of the requirements have been verified by inspection (report and design reviews).

7.1.2. Answers to research questions
1. Why design a SADM for CubeSats?

Three reasons were found to serve as the motivation for this work. The trend in increasing number
of CubeSat launches per year, affinity for advanced missions (laser communication, in-orbit manu-
facturing, IoT, etc.) using CubeSats which require higher electrical power and limited products with
similar design in the commercial market that do not adequately meet this need. SADMs solve the need
for higher power by constantly positioning the solar arrays perpendicular to the Sun independent of
payload pointing requirements.

(a) What causes space mechanism failure?
Many causes of space mechanism failure were found which include interfaces, shocks caused by
explosives used in HDRM, thermal, electrical and software. The most prominent cause of space
mechanism failure was found to be tribological in nature. Within the scope of the SADM’s con-
stituent elements, the bearings and the PDTM have tribological interactions.

(b) What is lacking in the existing state-of-the-art products?
From the market research, three of the six SADMs had the same external design. Desirable fea-
tures like modularity (applicability to multiple solar array mounting configurations) and scala-
bility (applicability to different CubeSat sizes) were found to be lacking in the currently existing
SADMs.

2. How to design a SADM system for CubeSats that is reliable (less failure scenarios and probability of
its occurrence)?
The design reliability of the SADM was ensured by identifying the failure scenarios and their root causes
followed by eliminating these root causes in the design. These failure scenarios pertain to tribological
elements and their root causes were identified as lubricants, metals, need for preloading and its main-
tenance. These root causes were eliminated in the context of the PDTM, gears and bearings used in this
SADM.

(a) How to design or select an actuator that can rotate the solar arrays?
The actuator was selected based on the maximum mechanical power required to rotate the solar
arrays, which is required at the maximum speed it would encounter during its lifetime. The max-
imum speed that the solar arrays would require to be rotated occurs during the target tracking
mode of the mission which was calculated as 0.4 RPM. This mission phase also corresponds to
the maximum torque and mechanical power requirement which were calculated as 3.816 mNm
and 0.153 mW respectively. A stepper motor was selected as the rotary actuator due to its posi-
tional accuracy achieved by its working principle, absence of cogging torque at low RPMs, COTS
availability and dimensional compatibility. Even though the power required was met sufficiently
by the stepper motor, the torque required was not adequate. A gear transmission system had to be
used to amplify the torque. The gear ratio required for the SADM was optimised for inertia match-
ing (for smooth rotation), torque amplification and maximum power transfer which resulted in a
total gear ratio requirement of 12522. This total optimal gear ratio could be achieved by combi-
nation of a gearbox with gear ratio 4096 and an external gear with a gear ratio of 3. An external
gear ratio of 3 was achieved using a bevel gear made of PEEK. The material choice was made con-
sidering superior shock absorption, lack of need for lubricants and low wear compared to metals.
The external bevel gear also performs the function of providing an alternate path for load transfer
rather than transferring launch loads directly to the motor shaft.

(b) How to design a power & data transfer arrangement capable of transferring the maximum
power with the least degradation over its lifetime as opposed to such shortcomings of conven-
tional sliprings?
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Firstly, to answer this question, the maximum power, current and voltage that the SADM had to
handle were calculated to be 82W, 1.7A and 97V, respectively (refer to Table 4.12). The maximum
power generated remains constant irrespective of the PV cell connection configuration. The max-
imum voltage was found to occur in a configuration where all the PV cells in a row of the solar
array were connected in series. The maximum current was found to occur when the PV cells in
one panel were connected in series and the panels in an array where connected in parallel. The
main drawback of the sliprings was the conductive brushes that wear during operation and cre-
ate debris that led to increased friction, sparking and arcing at high voltages. Among the various
PDTM design options, the cable wrap provided the advantage of higher bending radius of cable
due to its construction. On the other hand the goose-neck had the disadvantage of low bending
radius which leads to high stress in the FPC but the FPC used in the goose-neck mechanism was
found to have the advantages of higher flexibility and low thickness. A new mechanism has been
designed and termed as the Flex-wrap that combines the best features of both thePDTMs. The
Flex-wrap uses a spirally coiled Flexible Printed Circuit to transfer power and data while allowing
rotation by coiling and uncoiling. The spiral construction imposes high bending radius thus low
stress and the FPC occupies low volume which is favourable for the current application’s stringent
dimensional constraints. The FPC was designed to have a conductor thickness of 35 µm by mak-
ing a trade-off between bending radius and total width of FPC. The FPC length was calculated by
modelling it as a spiral. A length of 50 mm corresponding to three spiral loops was chosen consid-
ering a trade-off between the gap between the adjacent layers and the stress induced in the FPC
layers for rotating it by an angle of 180 degrees.

(c) What causes the failure-causing components in space mechanisms susceptible to failure and
how can they be designed to have lower chances of failure through their lifetime?
Tribological elements utilise surfaces in contact with each other in relative motion. These ele-
ments were susceptible to failure because of multiple causes, including wear, debris generation
due to friction, lubricant interactions & corrosion. All these failure mechanisms eventually lead to
increased friction and material damage which result in the space mechanism failure. These failure
causes are pertinent to conventionally used tribological elements in SADM systems - the slipring,
gears and roller bearings. The strategy adopted in the current project to reduce the chances of
failure due to tribological elements was to eliminate the root cause of the failure. This was done
by firstly researching the failure mechanisms, followed by investigation of their causes. By using
a polymer-based sleeve bearing, various failure causes were eliminated, like the need for lubri-
cants, need for strict alignment maintenance of rolling elements, corrosion due to metals and the
impact of an uncontrolled environment. Using a Flex-wrap design for power and data transfer,
debris generation due to the wear of brushes and lubricant interactions encountered in sliprings
were eliminated. By fabricating the gears out of PEEK, shock applied on the gears are absorbed
without dent formation, lubricant-less operation is possible and corrosion is mitigated.

(d) How to design interfaces that can survive the environmental loads and be reliable through their
lifetime?
The interfaces were designed considering the launch and operation loads that were mechani-
cal and thermal in nature. Reliability was achieved by considering sufficient margins on the
environment-imposed requirements. Mechanical interfaces such as the bolt were sized to have
a preload greater than the launch force but lower than the yield strength of the material. Electri-
cal interfaces were selected to interface with components within the SADM and systems inside the
CubeSat. They were selected to have multiple mating-demating cycles, the capability to withstand
shock loads and operation in the space environment (temperature cycling and vacuum).

3. How to verify the system’s proper functioning and survival in a space environment for a given mis-
sion lifetime?
This has been ensured by designing the system considering worst-case scenarios and by using suffi-
cient margins. The requirements set at the beginning of the project were mostly verified by inspection
due to the time constraints of the thesis. The system has to be tested, analysed and demonstrated to be
completely verified which will be possible after the realisation of the prototype.

(a) How to verify if the system is capable of surviving environmental conditions (ground, launch
and space)?
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The mechanical elements have been designed considering worst-case launch loads with a margin
for high reliability (3σ). It has been ensured by design that liquid lubricants or out-gassing sub-
stances are not utilised. The dimensional compatibility has been verified digitally by fit-checking
on CAD. Therefore, part of the requirements have been verified by inspection of documentation.
Most of the launch and space environmental conditions can only be verified by testing. This was
not possible within the timeline of the thesis, but have to performed in order to qualify the SADM
for application in space. The combined response of the SADM along with its interfaces, mechani-
cal, electronic, electrical and software elements can only be verified by testing the functional pro-
totype. Specifically, the Flex-wrap has to be tested for its response under combined conditions of
lifetime flex-cycles and temperature in environmental conditions (vacuum & launch loads). This
is because the Flex-wrap is a new design and its real-life behaviour has not been investigated.

(b) How can the system be validated?
The system can be validated by the customer once the SADM has been commercialized.

7.1.3. Comparison with state-of-the-art SADMs
The Table 7.1 below compares the specifications of the current SADM with other SADMs in the market. It
can be observed from the table that clearly the current SADM has the least dimension among the others and
is applicable to up to five different panel mounting configurations as depicted in Figure 5.1. This makes the
current SADM, the smallest and the most modular SADM in the market. Of course, these statements can
be accepted only when the SADM has been qualified for operation but the statement is considerable in the
view of initial design stage. The PDTM and bearing technology used in these competitor products are not
publicly known to compare the special features. But, the current SADM has taken measures to avoid failure
by eliminating root causes of tribological element failure. By achieving these specifications, the thesis has
achieved its design goals (Refer Table 3.6) defined by the stakeholders within the scope of this project.

Commercial SADM
for CubeSats

IMT SRL
µ-SADA [30]

HoneyBee
nanoTrack

Tethers Unlimited
Cobra HPX [9]

RevolvSpace
SARA [46]

AAC Hyperion
SADM

CubeSat sizes
applicable

6U & 12U 3U - 3U & 6U 3U, 6U, 8U & 12U

Dimensions
0.15 U

(100x88x15 mm)
0.065U

(100x100x6.5 mm)
0.37U

(113x113x29.2 mm)
0.15 U

(96x96x15 mm)
0.024 U

(70x50x6.9 mm)
Possible panel

mounting positions
3 3 1 3 5

Pointing accuracy ±0.3 deg - ± 0.077 deg ± 0.1 deg -

Special features
Well suited for

interplanetary missions
Smallest in market 3-DOF

Drag based
attitude control

Flex-wrap

Table 7.1: Comparison of COTS CubeSat SADMs
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7.2. Future recommendations
Given the limited time frame of the Master thesis, it was not possible to get to a stage where the working
prototype of the SADM was realisable. As AAC Hyperion’s goal is to achieve a working SADM system that can
be sold commercially, the author recommends a series of steps as listed below that must be taken to achieve
this goal.

1. Design bendable shaft interface with solar panels
One of the main mechanical elements missing from the current design is the SADM shaft’s mechanical
interface with the solar arrays. The design feature required from this interface is that it should allow the
solar arrays to be stowed and must provide the restoration force for the panels to unfurl and become
rigid once deployed. An important consideration in designing this component is to take in to account
that the wires from the solar panels connected with the power and data transfer mechanism of the
SADM must be accommodated.

2. Design of a incremental position sensor
As discussed in section 5.7, a COTS sensor meeting the dimensional requirement could not be found.
The author recommends further investigation in this direction to design a custom solution to meet the
resolution, update frequency and dimensional requirements defined for the current SADM.

3. Test the Flex-wrap dynamics
The Flex-wrap was the innovative invention of the entire SADM. It is a technology that has never been
designed or tested before. Therefore, the author would suggest that this technology be explored in
more detail to understand its behaviour over its lifetime. This can be done by testing the mechanism’s
resilience to bending over its lifetime requirements. The system’s response to the combined effects of
bending and thermal loads is yet to be tested and understood.

4. Load simulations & analysis
The current project has performed static load analysis with sufficient margins to design the SADM re-
liably. The dynamic load conditions in terms of loads and temperature can be simulated to verify the
design and to detect abnormalities or undesirable elements early in the design. This could be stress
concentrations in some parts of the structure, thermal stresses, bending modes, etc. Many undesir-
able structural responses stem from the flexible nature of solar panels. This effect can be modelled and
simulated on structural analysis software.

5. Control electronics design & manufacture
Designing and manufacturing the electronics required to control the SADM will be the next step in
achieving a prototype. The control electronics must be able to drive the motors based on the position
required of the solar panels to generate maximum power. To achieve this position, the SADM must
know the relative position of the Sun with respect to the solar panel. This requires using this posi-
tion knowledge in a closed loop feedback control to optimally rotate and position the solar panels. To
achieve this, it has to use the shaft position known from the position sensor and the attitude knowl-
edge gained from the ADCS or the panel-mounted sun sensor. The shaft position is the solar panel’s
position, and the attitude knowledge will give the satellite’s position with respect to the Sun.

6. Software development
The last step in achieving a working prototype is to develop the software that will control the SADM
by allowing it to communicate and command with other electronic components (sensors & actuators)
and elements of the CubeSat. The software gives commands to the hardware. The main function of
the algorithm will be to track the Sun and optimally place the solar panels. The software must also be
capable of performing fault diagnosis and correction when an error is encountered.

7. Testing & qualification with prototype
Once all the above steps are completed and after the hardware and software are integrated, the next step
will be to test the prototype to verify if the SADM is working as required in all environmental conditions
it may encounter during its lifetime. There are multiple tests that must be conducted to qualify the
SADM to be operational in the space environment. This includes operation in vacuum, varying thermal
conditions, sine vibration sweep testing, random vibration testing and functional testing after each type
of testing. The prototype can still be redesigned or improved based on the learning from the test results.
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8. Manufacture
The final step before commercialization will be manufacturing the design. This will include making
drawings of the mechanical and electronic parts and manufacturing them, followed by assembly, inte-
gration and testing of the SADM.

9. Supply chain set up
This is where the process transitions from engineering to management and business administration.
Various components and parts of the SADM are sourced from different companies and manufactur-
ers across the continent. For example, the motor is sourced from Faulhaber, which is a German-based
company, and the fasteners are sourced from a local distributor (Netherlands-based) of Misumi, which
is a Japanese company, whereas some components will be manufactured by AAC Hyperion’s partner
manufacturers. The supply of all these components from various sources has to be set up to manufac-
ture the SADM.

10. Detailed cost estimate and pricing
The next step before commercial selling the SADM is to arrive at a market value for the product. To
arrive at this value, the first step is to make a bill of materials that gives a rough estimate of the cost
of making the product by including all the constituent factors like component price, labour charges,
transportation cost, engineering support charges, research and development expenditure, etc. The
selling price is then fixed by using any of the pricing strategies. Initial pricing strategies are based on a
positive profit margin on the product’s cost or market comparison with similar products. Over time, if
the product has a high demand, the product could be sold at a higher price based on the demand.

11. Commercialization of the SADM
The last and final step of commercialization of the SADM will be marketing and sales of the product.
The author estimates this would take at least a year or one and a half from 2022 to achieve this stage,
depending on the resources AAC Hyperion allocates to this project.
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A. Appendix

A
Appendix

A.1. COTS SADA for Mini & MicroSats

Company Name of SADM Output Step an-
gle (deg)

Mass
(kgs)

Avg Hold-
ing torque
(Nm)

Slipring Power transfer

Moog Type-1 0.0375 1.16 8.4 30 rings at 2A
Moog Type-2 0.02 3.5 11 34 rings at 3.2A
Moog Type-3/5 0.0075 5 45.2 26 rings at 6A
Moog Type-5 0.0075 5 45.2 16 rings at 1A
RUAG Space SEPTA-24 0.00625 3.5 11 24 lines at 6.2A up to 110V
RUAG Space SEPTA-31 0.01 3.6 ≥ 10.6 24 lines at 1.65A & 55V
RUAG Space SEPTA-32 0.01 4.4 ≥ 10.6 20 lines at 3A & 55V
RUAG Space SEPTA-33 upto 0.002055 4.25 ≥ 10 10 lines at 4A & 55V
RUAG Space SEPTA-41 0.015 1.7 ≥ 0.05 11 lines at 1.65A & 33V
Honeybee Robotics SmallSat SADM 0.0042 3.1 24 34 lines at 3A
Honeybee Robotics MicroSat SADM 0.0018 0.9 >1 16 lines at 1.1A
Thales Alenia ATV SADM 0.12 3 - 8 lines at 3.5A upto 100V
Thales Alenia GEO SADM 0.12 4.5 - 20 lines at 7.5A upto 100V
Thales Alenia Low power

SADM
0.12 3.5 - 8 lines at 5A upto 120V

Sierra Nevada Corp C14–750 W 0.0625 1.6 14 30 rings at 2A

Table A.1: Commercially available single axis articulation SADM for Mini/Micro-satellites
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A.2. CubeSat structure standard data-sheets

A.2. CubeSat structure standard data-sheets

A.2.1. Random vibration loads

Figure A.1: Qualification random vibration loads from NASA GEVS [108]
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A. Appendix

A.2.2. 12U structure

Figure A.2: ISIS 12 U data sheet [32]
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A.2. CubeSat structure standard data-sheets

A.2.3. All structures data-sheets

Figure A.3: ISIS all structures dimensions [33]
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A. Appendix

A.3. SPENVIS Radiation simulation results

A.3.1. SAA Passover

Figure A.4: Simulation parameters of orbit through SAA ( referred from [20])

Figure A.5: Ground track of orbit through SAA
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A.3. SPENVIS Radiation simulation results

Aluminium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 2.34E+07 4.67E+06 1.80E+07
2.00E-01 1.36E+06 1.33E+06 1.87E+04
4.00E-01 3.69E+05 3.55E+05 1.16E+04
6.00E-01 1.56E+05 1.46E+05 8.87E+03
8.00E-01 9.09E+04 8.24E+04 7.36E+03
1.00E+00 6.36E+04 5.63E+04 6.43E+03
1.20E+00 4.81E+04 4.16E+04 5.81E+03
1.40E+00 3.82E+04 3.22E+04 5.37E+03
1.60E+00 3.13E+04 2.57E+04 5.01E+03
1.80E+00 2.62E+04 2.10E+04 4.76E+03
2.00E+00 2.23E+04 1.73E+04 4.55E+03
2.50E+00 1.54E+04 1.10E+04 4.10E+03
3.00E+00 1.11E+04 7.10E+03 3.78E+03
3.50E+00 8.42E+03 4.63E+03 3.58E+03
4.00E+00 6.58E+03 3.02E+03 3.37E+03
4.50E+00 5.36E+03 1.96E+03 3.24E+03
5.00E+00 4.50E+03 1.24E+03 3.12E+03
5.50E+00 3.88E+03 7.67E+02 2.99E+03
6.00E+00 3.50E+03 4.71E+02 2.91E+03

Table A.2: Aluminium thickness required for different radiation doses in orbit with SAA passover

Titanium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 2.97E+07 5.79E+06 2.30E+07

0.1198 1.22E+06 1.18E+06 2.16E+04
2.40E-01 3.08E+05 2.90E+05 1.33E+04
3.60E-01 1.36E+05 1.24E+05 1.01E+04
4.79E-01 8.30E+04 7.31E+04 8.38E+03
5.99E-01 5.90E+04 5.05E+04 7.30E+03
7.19E-01 4.49E+04 3.73E+04 6.59E+03
8.39E-01 3.57E+04 2.88E+04 6.08E+03
9.59E-01 2.91E+04 2.28E+04 5.66E+03
1.08E+00 2.42E+04 1.83E+04 5.38E+03
1.20E+00 2.05E+04 1.48E+04 5.14E+03
1.50E+00 1.40E+04 9.00E+03 4.62E+03
1.80E+00 1.01E+04 5.56E+03 4.26E+03
2.10E+00 7.70E+03 3.46E+03 4.02E+03
2.40E+00 6.11E+03 2.14E+03 3.79E+03
2.70E+00 5.09E+03 1.30E+03 3.64E+03
3.00E+00 4.41E+03 7.75E+02 3.50E+03
3.30E+00 3.93E+03 4.58E+02 3.36E+03
3.60E+00 3.64E+03 2.69E+02 3.27E+03

Table A.3: Titanium thickness required for different radiation doses in orbit with SAA passover
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A. Appendix

Iron
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 4.10E+07 6.26E+06 3.34E+07
6.86E-02 1.16E+06 1.12E+06 2.31E+04
1.37E-01 2.87E+05 2.69E+05 1.41E+04
2.06E-01 1.30E+05 1.17E+05 1.07E+04
2.74E-01 8.07E+04 7.04E+04 8.78E+03
3.43E-01 5.76E+04 4.89E+04 7.63E+03
4.12E-01 4.40E+04 3.62E+04 6.88E+03
4.80E-01 3.49E+04 2.79E+04 6.33E+03
5.49E-01 2.84E+04 2.19E+04 5.89E+03
6.17E-01 2.36E+04 1.75E+04 5.59E+03
6.86E-01 1.99E+04 1.41E+04 5.33E+03
8.57E-01 1.35E+04 8.37E+03 4.79E+03
1.03E+00 9.72E+03 5.04E+03 4.41E+03
1.20E+00 7.42E+03 3.05E+03 4.16E+03
1.37E+00 5.92E+03 1.83E+03 3.92E+03
1.54E+00 4.98E+03 1.08E+03 3.76E+03
1.71E+00 4.37E+03 6.26E+02 3.61E+03
1.89E+00 3.94E+03 3.63E+02 3.46E+03
2.06E+00 3.68E+03 2.10E+02 3.37E+03

Table A.4: Iron thickness required for different radiation doses in orbit with SAA passover

Tantalum
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 1.20E+08 1.47E+07 1.02E+08
3.24E-02 7.31E+05 6.74E+05 4.76E+04
6.47E-02 2.03E+05 1.71E+05 2.77E+04
9.71E-02 1.07E+05 8.33E+04 2.05E+04
1.29E-01 7.09E+04 5.24E+04 1.65E+04
1.62E-01 5.12E+04 3.56E+04 1.42E+04
1.94E-01 3.91E+04 2.53E+04 1.26E+04
2.27E-01 3.09E+04 1.84E+04 1.15E+04
2.59E-01 2.50E+04 1.35E+04 1.07E+04
2.91E-01 2.09E+04 1.01E+04 1.01E+04
3.24E-01 1.77E+04 7.55E+03 9.56E+03
4.04E-01 1.27E+04 3.74E+03 8.51E+03
4.85E-01 1.00E+04 1.86E+03 7.76E+03
5.66E-01 8.53E+03 9.31E+02 7.29E+03
6.47E-01 7.56E+03 4.65E+02 6.84E+03
7.28E-01 6.99E+03 2.34E+02 6.54E+03
8.09E-01 6.57E+03 1.19E+02 6.27E+03
8.90E-01 6.21E+03 6.06E+01 5.99E+03
9.71E-01 6.00E+03 3.08E+01 5.82E+03

Table A.5: Tantalum thickness required for different radiation doses in orbit with SAA passover
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A.3. SPENVIS Radiation simulation results

A.3.2. Heliosynchronous orbit

Figure A.6: Simulation parameters of heliosynchronous orbit (referred from [186])

Figure A.7: Ground track of heliosynchronous orbit
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Aluminium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 8.11E+06 8.90E+05 6.13E+05
2.00E-01 1.97E+05 1.70E+05 3.06E+02
4.00E-01 8.18E+04 6.83E+04 2.22E+02
6.00E-01 4.72E+04 3.83E+04 1.88E+02
8.00E-01 3.22E+04 2.57E+04 1.67E+02
1.00E+00 2.39E+04 1.89E+04 1.54E+02
1.20E+00 1.87E+04 1.45E+04 1.45E+02
1.40E+00 1.51E+04 1.16E+04 1.40E+02
1.60E+00 1.23E+04 9.37E+03 1.35E+02
1.80E+00 1.03E+04 7.70E+03 1.31E+02
2.00E+00 8.71E+03 6.38E+03 1.29E+02
2.50E+00 5.84E+03 4.05E+03 1.21E+02
3.00E+00 4.02E+03 2.60E+03 1.16E+02
3.50E+00 2.89E+03 1.69E+03 1.11E+02
4.00E+00 2.11E+03 1.10E+03 1.07E+02
4.50E+00 1.59E+03 7.15E+02 1.05E+02
5.00E+00 1.23E+03 4.58E+02 1.02E+02
5.50E+00 9.70E+02 2.90E+02 9.89E+01
6.00E+00 8.02E+02 1.81E+02 9.72E+01

Table A.6: Aluminium thickness required for different radiation doses in a LEO Heliosynchronous orbit

Titanium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 1.04E+07 1.12E+06 7.83E+05
1.20E-01 1.94E+05 1.61E+05 3.52E+02
2.40E-01 7.94E+04 6.35E+04 2.54E+02
3.60E-01 4.62E+04 3.57E+04 2.14E+02
4.79E-01 3.16E+04 2.40E+04 1.89E+02
5.99E-01 2.34E+04 1.75E+04 1.74E+02
7.19E-01 1.82E+04 1.34E+04 1.64E+02
8.39E-01 1.45E+04 1.05E+04 1.58E+02
9.59E-01 1.18E+04 8.36E+03 1.52E+02
1.08E+00 9.76E+03 6.74E+03 1.48E+02
1.20E+00 8.14E+03 5.47E+03 1.45E+02
1.50E+00 5.34E+03 3.30E+03 1.36E+02
1.80E+00 3.65E+03 2.03E+03 1.30E+02
2.10E+00 2.62E+03 1.26E+03 1.25E+02
2.40E+00 1.92E+03 7.83E+02 1.20E+02
2.70E+00 1.47E+03 4.82E+02 1.17E+02
3.00E+00 1.16E+03 2.93E+02 1.14E+02
3.30E+00 9.41E+02 1.76E+02 1.11E+02
3.60E+00 8.02E+02 1.05E+02 1.09E+02

Table A.7: Titanium thickness required for different radiation doses in a LEO Heliosynchronous orbit
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A.3. SPENVIS Radiation simulation results

Iron
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 1.47E+07 1.21E+06 1.14E+06
6.86E-02 1.92E+05 1.58E+05 3.73E+02
1.37E-01 7.88E+04 6.19E+04 2.66E+02
2.06E-01 4.60E+04 3.50E+04 2.23E+02
2.74E-01 3.15E+04 2.36E+04 1.97E+02
3.43E-01 2.34E+04 1.72E+04 1.81E+02
4.12E-01 1.81E+04 1.30E+04 1.70E+02
4.80E-01 1.44E+04 1.02E+04 1.64E+02
5.49E-01 1.17E+04 8.07E+03 1.57E+02
6.17E-01 9.60E+03 6.45E+03 1.53E+02
6.86E-01 7.98E+03 5.19E+03 1.50E+02
8.57E-01 5.19E+03 3.07E+03 1.41E+02
1.03E+00 3.53E+03 1.84E+03 1.34E+02
1.20E+00 2.53E+03 1.11E+03 1.29E+02
1.37E+00 1.85E+03 6.72E+02 1.24E+02
1.54E+00 1.43E+03 4.02E+02 1.21E+02
1.71E+00 1.14E+03 2.38E+02 1.17E+02
1.89E+00 9.34E+02 1.40E+02 1.14E+02
2.06E+00 8.05E+02 8.20E+01 1.12E+02

Table A.8: Iron thickness required for different radiation doses in a LEO Heliosynchronous orbit

Tantalum
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 4.35E+07 2.36E+06 3.48E+06
3.24E-02 2.04E+05 1.32E+05 7.36E+02
6.47E-02 8.51E+04 5.15E+04 5.06E+02
9.71E-02 5.06E+04 2.90E+04 4.13E+02
1.29E-01 3.44E+04 1.89E+04 3.58E+02
1.62E-01 2.49E+04 1.30E+04 3.25E+02
1.94E-01 1.89E+04 9.29E+03 3.04E+02
2.27E-01 1.48E+04 6.75E+03 2.91E+02
2.59E-01 1.17E+04 4.96E+03 2.78E+02
2.91E-01 9.58E+03 3.69E+03 2.69E+02
3.24E-01 7.96E+03 2.76E+03 2.63E+02
4.04E-01 5.30E+03 1.37E+03 2.46E+02
4.85E-01 3.78E+03 6.91E+02 2.33E+02
5.66E-01 2.94E+03 3.51E+02 2.23E+02
6.47E-01 2.32E+03 1.79E+02 2.14E+02
7.28E-01 1.95E+03 9.12E+01 2.08E+02
8.09E-01 1.67E+03 4.66E+01 2.02E+02
8.90E-01 1.45E+03 2.37E+01 1.95E+02
9.71E-01 1.30E+03 1.20E+01 1.92E+02

Table A.9: Tantalum thickness required for different radiation doses in a LEO Heliosynchronous orbit
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A. Appendix

A.3.3. Polar orbit

Figure A.8: Simulation parameters of polar orbit

Figure A.9: Ground track of polar orbit
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A.3. SPENVIS Radiation simulation results

Aluminium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 2.50E+07 3.92E+06 1.37E+07
2.00E-01 1.11E+06 1.06E+06 1.22E+04
4.00E-01 3.44E+05 3.20E+05 7.85E+03
6.00E-01 1.62E+05 1.46E+05 6.16E+03
8.00E-01 1.00E+05 8.74E+04 5.19E+03
1.00E+00 7.17E+04 6.13E+04 4.59E+03
1.20E+00 5.48E+04 4.59E+04 4.18E+03
1.40E+00 4.36E+04 3.58E+04 3.89E+03
1.60E+00 3.56E+04 2.86E+04 3.64E+03
1.80E+00 2.97E+04 2.33E+04 3.48E+03
2.00E+00 2.51E+04 1.92E+04 3.33E+03
2.50E+00 1.70E+04 1.20E+04 3.02E+03
3.00E+00 1.20E+04 7.68E+03 2.80E+03
3.50E+00 8.89E+03 4.96E+03 2.65E+03
4.00E+00 6.78E+03 3.22E+03 2.51E+03
4.50E+00 5.40E+03 2.07E+03 2.41E+03
5.00E+00 4.43E+03 1.31E+03 2.32E+03
5.50E+00 3.73E+03 8.12E+02 2.23E+03
6.00E+00 3.30E+03 4.99E+02 2.18E+03

Table A.10: Aluminium thickness required for different radiation doses in a LEO polar orbit

Titanium
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
1.00E-04 3.19E+07 4.92E+06 1.76E+07
1.20E-01 1.02E+06 9.64E+05 1.41E+04
2.40E-01 3.01E+05 2.73E+05 9.01E+03
3.60E-01 1.47E+05 1.28E+05 7.04E+03
4.79E-01 9.38E+04 7.91E+04 5.91E+03
5.99E-01 6.76E+04 5.56E+04 5.21E+03
7.19E-01 5.17E+04 4.14E+04 4.74E+03
8.39E-01 4.10E+04 3.20E+04 4.40E+03
9.59E-01 3.33E+04 2.53E+04 4.12E+03
1.08E+00 2.75E+04 2.02E+04 3.93E+03
1.20E+00 2.30E+04 1.63E+04 3.76E+03
1.50E+00 1.54E+04 9.77E+03 3.41E+03
1.80E+00 1.09E+04 5.97E+03 3.15E+03
2.10E+00 8.11E+03 3.68E+03 2.98E+03
2.40E+00 6.26E+03 2.27E+03 2.82E+03
2.70E+00 5.10E+03 1.37E+03 2.71E+03
3.00E+00 4.31E+03 8.21E+02 2.61E+03
3.30E+00 3.75E+03 4.85E+02 2.50E+03
3.60E+00 3.41E+03 2.85E+02 2.44E+03

Table A.11: Titanium thickness required for different radiation doses in a LEO polar orbit
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A. Appendix

Iron
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
0.00E+00 4.48E+07 5.33E+06 2.57E+07
6.86E-02 9.78E+05 9.21E+05 1.50E+04
1.37E-01 2.87E+05 2.57E+05 9.52E+03
2.06E-01 1.43E+05 1.22E+05 7.40E+03
2.74E-01 9.20E+04 7.67E+04 6.19E+03
3.43E-01 6.64E+04 5.40E+04 5.44E+03
4.12E-01 5.08E+04 4.02E+04 4.94E+03
4.80E-01 4.03E+04 3.09E+04 4.58E+03
5.49E-01 3.26E+04 2.43E+04 4.28E+03
6.17E-01 2.69E+04 1.93E+04 4.08E+03
6.86E-01 2.24E+04 1.55E+04 3.90E+03
8.57E-01 1.49E+04 9.06E+03 3.53E+03
1.03E+00 1.05E+04 5.40E+03 3.26E+03
1.20E+00 7.81E+03 3.24E+03 3.08E+03
1.37E+00 6.06E+03 1.93E+03 2.91E+03
1.54E+00 4.98E+03 1.14E+03 2.80E+03
1.71E+00 4.26E+03 6.63E+02 2.69E+03
1.89E+00 3.75E+03 3.84E+02 2.58E+03
2.06E+00 3.44E+03 2.22E+02 2.52E+03

Table A.12: Iron thickness required for different radiation doses in a LEO polar orbit

Tantalum
Total absorber

thickness (mm)
Total mission

dose (rad)
Trapped

electrons (rad)
Trapped

protons (rad)
0.00E+00 1.32E+08 1.19E+07 7.83E+07
3.24E-02 7.20E+05 6.09E+05 3.08E+04
6.47E-02 2.35E+05 1.79E+05 1.86E+04
9.71E-02 1.30E+05 9.16E+04 1.41E+04
1.29E-01 8.67E+04 5.80E+04 1.16E+04
1.62E-01 6.25E+04 3.94E+04 1.01E+04
1.94E-01 4.74E+04 2.78E+04 9.04E+03
2.27E-01 3.71E+04 2.00E+04 8.32E+03
2.59E-01 2.97E+04 1.47E+04 7.72E+03
2.91E-01 2.45E+04 1.09E+04 7.33E+03
3.24E-01 2.07E+04 8.10E+03 6.98E+03
4.04E-01 1.44E+04 3.97E+03 6.25E+03
4.85E-01 1.09E+04 1.97E+03 5.73E+03
5.66E-01 9.05E+03 9.85E+02 5.40E+03
6.47E-01 7.75E+03 4.92E+02 5.08E+03
7.28E-01 6.98E+03 2.47E+02 4.86E+03
8.09E-01 6.40E+03 1.25E+02 4.67E+03
8.90E-01 5.91E+03 6.29E+01 4.46E+03
9.71E-01 5.62E+03 3.16E+01 4.34E+03

Table A.13: Tantalum thickness required for different radiation doses in a LEO polar orbit
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A.4. Rotary actuator

A.4. Rotary actuator

A.4.1. Motor trade-off
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Table A.14: Motor selection trade-off
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A.4. Rotary actuator

A.4.2. Motor data-sheet

Edition 2020 Feb. 18

Stepper Motors
Two phase with Disc Magnet, 
20 steps per revolution

 
0,25 mNm

Series DM0620
Values at 20°C� DM0620   0130 0080 0040
Nominal current per phase (both phases ON)   0,13 0,08 0,04 A
Boosted current per phase (both phases ON)   0,26 0,16 0,08 A
Nominal voltage per phase (both phases ON)   2 3 6 V
Phase resistance   13,6 30 120 Ω
Phase inductance (1 kHz)   2 4,5 18,5 mH
Holding torque (at nominal current in both phases)   0,25 0,25 0,25 mNm
Holding torque at boosted current   0,39 0,39 0,39 mNm
Residual torque, typ.   0,03 0,03 0,03 mNm
Back-EMF amplitude   0,53 0,83 1,6 V/k step/s
     
Electrical time constant 0,15 ms
Rotor inertia 0,5·10-9 kgm²
Step angle (full step) 18 °
Angular accuracy ±5 %
Angular acceleration, max. 780·103 rad/s²
Resonance frequency (at no load) 110 Hz
     
Thermal resistance 15 / 96,6 K/W 
Thermal time constant 3,2 / 120 s 
Operating temperature range -35 ... +70 °C 
Winding temperature, max. +130 °C 
Shaft bearings 1) 2) sintered bearing ball bearings, preloaded
  (Bearing code: SB) (Bearing code: 2R)
Shaft load max.:
– with shaft diameter 1 1 mm
– radial at 5 000 min-¹ (3 mm from bearing) 0,3 3 N
– axial at 5 000 min-¹ 0,5 0,5 N
– axial at standstill 0,5 5,8 N
Shaft play:
– radial 0,02 0,012 mm
– axial 0 0 mm
Housing material aluminium, black anodized
Mass 1,1 g
Magnet material NdFeB

M [mNm]

0 3 000 6 000 9 000 12 000 15 000 18 000 21 000
1 000 2 000 3 000 4 000 5 000 6 000 7 000

0

0,04

0,08

0,12

0,16

0,20

0,24

n [min-1]
[steps/s]

2.5x Nominal voltage*

Possible operation areas

Driver settings

Relevant for 2 phases ON only. 
On PWM drivers or chopper (current mode), 
the current is set to the nominal value and 
the supply voltage is typically 1.5 to 2.5x higher 
than the nominal voltage.
 
Curves measured with a load inertia of 
3·10-9 kgm2, in half-step mode for the 
“1 x nominal voltage” curve, in 1/4 micro-
stepping mode for the other curves.

* Current limited to its nominal value

1x Nominal voltage
1.5x Nominal voltage*

1)	Special lubricant options available on request.
2)	2 preloaded ball bearings available on request for vacuum / low temperature (bearing code: RC).

For notes on technical data and lifetime performance  
refer to “Technical Information”.

© DR. FRITZ FAULHABER GMBH & CO. KG
Specifications subject to change without notice.

Figure A.10: DM0620-datasheet
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A. Appendix

Edition 2020 Feb. 18

Dimensional drawing

DM0620

M4,5x0,5

(3,35)

1,80,4

1,9

DIN 58400
m=0,12
z=12
x=+0,2

ø1
 -0,007
 -0,011 ø1,75

 -0,03
 -0,05ø5

 0
 -0,018ø6

 -0,010
 -0,058

9,5  ±0,2 5,15  ±0,3 5,15  ±0,3

 ±0,1

80  ±0,2

75  ±0,2

13,4

 ±0,1

2,5

5

B-
B+
A-
A+

B- 



A+

A-B+

0,3

for Gearhead 06/1

Flex PCB for cables
Not available with double 
output shaft executions.

Recommended connectors

Pitch: 1mm - FPC/FFC, 4 poles
JST 04FMN-SMT-A-TF or similar.

Pitch: 0,5mm - FPC/FFC, 4 poles
Molex 52745 or similar.

Stiffener zone

Flex PCB
Thickness: 0,15 mm. Bending radius 3 mm min. 
Thickness of pads area (stiffener) 
0,3 mm (± 0,05), not flexible

Options and connection information

1  
2
3
4

        

31
35
76
78
11
15
26
28

30
36
75
77

DM06202R008011

 
  

  
 

Function

Connection

Example product designation:

 

Flex PCB 80mm p=1mm
Flex PCB 80mm p=1mm

Flex PCB 80mm p=1mm
Flex PCB 80mm p=1mm
Flex PCB for cable
Flex PCB for cable
Flex PCB for cable
Flex PCB for cable

Plain shaft, ø1 mm
With pinion for gearheads 06/1
Plain shaft, for lead screw M1.2
Plain shaft, for lead screw M1.6

Note : Standard version is delivered with a flex PCB of 80mm that the user can cut himself as indicated 
on the drawing above. A version with pre-cut PCB is available on request.

Plain shaft, ø1 mm
With pinion for gearheads 06/1
Plain shaft, for lead screw M1.2
Plain shaft, for lead screw M1.6

Phase A + 
Phase A -  
Phase B +
Phase B -

Front shaft 
description

PCB type        Motor executions
front shaft double shaft No.

Product combination

Precision Gearheads / Lead Screws Encoders Drive Electronics Cables / Accessories

06/1
M1,2 x 0,25 x L1
M1,6 x 0,35 x L1

MCST 3601 List available on request

For notes on technical data and lifetime performance  
refer to “Technical Information”.

© DR. FRITZ FAULHABER GMBH & CO. KG
Specifications subject to change without notice.

Figure A.11: DM0620-datasheet
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A. Appendix

A.5. Gearbox datasheet

Edition 2020 Feb. 18

Planetary Gearheads
  

25 mNm
For combination with
DC-Micromotors
Brushless DC-Motors
Stepper Motors

Series 06/1
06/1 06/1K

Housing material steel steel
Geartrain material steel steel
Recommended max. input speed for:    
– continuous operation 8 000 min-1 8 000 min-1

Backlash, at no-load ≤ 3 ° ≤ 3 °
Bearings on output shaft sintered bearings ball bearings
Shaft load, max.:    
– radial (3,5 mm from mounting face) ≤ 0,5 N ≤ 5 N
– axial ≤ 0,5 N ≤ 3 N
Shaft press fit force, max. ≤ 3,5 N ≤ 5 N
Shaft play    
– radial (3,5 mm from mounting face) ≤ 0,06 mm ≤ 0,06 mm
– axial ≤ 0,1 mm ≤ 0,05 mm
Operating temperature range - 30 ...  + 100 °C - 30 ...  + 100 °C

06/1 06/1 K (L1, L2 = + 1)

ø3
+0,02
+0,01ø6

0,8 -0,03
 0

ø1-0,008

4

4,5 ±0,2

±0,2

L2 ±0,25

L1 ±0,5

-0,002
-0,05
 0

2

0,5

2,8

ø4
0

-0,008

1,3 -0,03
 0

ø1,5 -0,008

4,9

5,4 ±0,2

±0,2

-0,002

3

4,1

For more combinations see table.
Example of combination with 0615...S.

For notes on technical data and lifetime performance  
refer to “Technical Information”.

© DR. FRITZ FAULHABER GMBH & CO. KG
Specifications subject to change without notice.

Technical data
Number of gear stages 1 2 3 4 5 6
Continuous torque mNm 25 25 25 25 25 25
Intermittent torque mNm 35 35 35 35 35 35
Mass without motor, ca. g 2 2,8 3,4 4 4,4 5
Efficiency, max. % 90 80 70 60 55 48
Direction of rotation, drive to output = = = = = =

Reduction ratio
(exact)

4:1 16:1 64:1 256:1 1 024:1 4 096:1

L2 [mm] = length without motor 9,2 11,9 14,6 17,3 20,0 22,7
L1 [mm] = length with motor 0615C...S 24,2 26,9 29,6 32,3 35,0 37,7

0515C...B 23,8 26,5 29,2 31,9 34,6 37,3
0620C...B 29,2 31,9 34,6 37,3 40,0 42,7
DM0620...35 18,7 21,4 24,1 26,8 29,5 32,2

Figure A.12: DM0620-gearbox-datasheet
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A.6. Bevel gear calculation formulas

A.6. Bevel gear calculation formulas

Gear parameter Formula
Shaft angle θsha f t

Reference cone angle of pinion δ1 = t an−1

 si nθsha f t

T2

T1
+ cosθsha f t


Reference cone angle of driven gear δ2 = θsha f t −δ1

Cone distance Rcone = d2

2si nδ2

Face width w f ace <
Rcone

3

Addendum distance of driven gear dadd−2 = 0.54m +0.46
z1cosδ2

z2cosδ1
Addendum distance of pinion dadd−1 = 2m −dadd−2

Dedendum distance dded = 2.188m −dadd

Dedendum angle θded = t an−1
(

dded

Rcone

)
Addendum angle of driver θadd−1 = t an−1

(
dadd−1

Rcone

)
Addendum angle of driven gear θadd−2 = t an−1

(
dadd−2

Rcone

)
Tip angle of gears θt i p = δ+θadd

Root angle of gears θr oot = δ−θded

Table A.15: Formulas for gear sizing [81, 185]
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A.7. Flat flexible cable datasheet

A.7. Flat flexible cable datasheet
A.7.1. FFC datasheet

© 2009 - AXON'CABLE - RELEASED SEPTEMBER 2020 / G
FLAT FLEXIBLE CABLES AND FLAT CABLE ASSEMBLIES - www.axon-cable.com

16 FLAT CABLES

0.50, 1.00 and 1.25 mm pitch Flat Flexible Cables
100 micron conductors

0.50 MM PUNCHED FLAT FLEXIBLE CABLE

General characteristics

Temperature rating: up to 105°C.

Voltage rating: up to 60V AC.

Conductor

Pitch (mm) Width (mm)
Max conductor 

resistance 
(Ω/km) at 20°C

Conductor 
thickness

(mm)

0.50 0.30 ± 0.02 730 0.10 ± 0.015

1.00 0.70 ± 0.03 300 0.10 ± 0.015

1.25 0.80 ± 0.03 280 0.10 ± 0.015

Conductor plating 

Tin 0.4 µm mini

Gold 0.3 µm Ni mini / 0.05 µm Au

Insulation 
Polyester insulation with flame retardant adhesive.

White colour.

Connection schemes

With ZIF connectors

Reinforcement tape: Polyester K code.

Blue colour.

Standard versions

Manual soldering

Code for the end: T.

F1 ; F2 = 2.50 mm.

Hot bar soldering

Reinforcement tape: Polyimide H code.

Natural colour (amber).

0.50 MM PITCH STANDARD FLAT FLEXIBLE CABLE

Figure A.13: FFC-datasheet-1 [79]
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17
axojumpTM

© 2009 - AXON'CABLE - RELEASED SEPTEMBER 2020 / G
FLAT FLEXIBLE CABLES AND FLAT CABLE ASSEMBLIES - www.axon-cable.com

General drawing

Processing forms

Type A

Reinforcements at both ends, 
on the same side.

Type D

Reinforcements at both ends, 
on opposing side.

Dimensions

Pitch: P (mm) 0.50 ± 0.05 1.00 ± 0.08 1.25 ± 0.10

Number of conductors: N 6 to 80 4 to 60 4 to 60

Span: E (mm) (N-1)*0.50 ± 0.07 (N-1)*1.00 ± 0.15 (N-1)*1.25 ± 0.15

Width: W (mm) (N+1)*0.50 ± 0.06 (N+1)*1.00 ± 0.10 (N+1)*1.25 ± 0.15

Margin: M (mm) 0.50 ± 0.12 1.00 ± 0.20 1.25 ± 0.20

Strip length: S1-S2 (mm) 2.00 to 10.0 ± 0.80 (standard value: 4 mm) 

Reinforcement length: F1-F2 (mm) 6.00 to 20.0 ± 2.00 (standard value: 8 mm) 

Insulated length: L (mm)
20 to 60 ± 2
61 to 100 ± 3
101 to 200 ± 4

201 to 3999 ± 5
4000 to 5999 ± 10
6000 to 9999 ± 15

Thickness at end of cable: T (mm) 0.30 ± 0.05 (only for ZIF connectors)

Cable thickness: th (mm) 0.25 typical

0.50, 1.00 and 1.25 mm pitch Flat Flexible Cables
100 micron conductors

Figure A.14: FFC-datasheet-2 [79]
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© 2009 - AXON'CABLE - RELEASED SEPTEMBER 2020 / G
FLAT FLEXIBLE CABLES AND FLAT CABLE ASSEMBLIES - www.axon-cable.com

18 FLAT CABLES

Electrical properties

Testing conditions
Pitch

0.50 1.00 1.25

Dielectric Test (V AC) - Min Conductor to conductor, during 1 minute 200 400 500 

Current rating (A) - Max FFC at 23°C 
Allowable temperature rise: 40°C 0.55 1.25 1.40

Insulation resistance (MΩ.m min) Conductor to conductor 10
at DC 200V

10
at DC 400V

10
at DC 500V

Continuity test DC 3.0 V at 0.1mA Passed Passed Passed

Impedance cond/cond balanced method 
(typical value) FFC without shielding at 1MHz 130 Ω 120 Ω 130 Ω

Capacitance cond/cond
balanced method (typical value) FFC without shielding at 1KHz 62 pF/m 50 pF/m 30 pF/m

Other properties

Testing conditions Characteristics

Heat resistance 136°C, 168 hours Dielectric test
Insulation resistance

Passed
Passed

Thermal shock (-55°C x 30 min → 25°C x 5 min → 
85°C x 30 min → 25°C x 5 min) x 25 cycles

Dielectric test
Insulation resistance

Passed
Passed

Cold coiling
-40°C, 96 hours

The sample is initially wound on a mandrel 
of 3 mm

At room temperature:
Visual inspection

Dielectric test
Insulation resistance

Passed
Passed
Passed

Wear by abrasion

Test following EN3475-503
Weight: 500 g

Speed: 60 cycles/min
Abrasion tool: Ø = 0.50 mm 

Dielectric test
Insulation resistance:
After 10 000 cycles Passed

Flame resistance UL 758 VW-1 Passed

Folding The specimen shall be folded manually at 180° Continuity after more than 20 times Passed

Moisture resistance 60°C, 95% RH, 96 hours Dielectric test
Insulation resistance

Passed
Passed

Flex-life
(typical values)

speed 100 cycles /min
Flex-life tests are performed at 23°C.

Radius 10 mm 100 000 cycles

0.50, 1.00 and 1.25 mm pitch Flat Flexible Cables
100 micron conductors

Figure A.15: FFC-datasheet-3 [79]
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A.7.2. FPC manufacturer specifications

(a) 18 micrometer trace thickness

(b) 35 micrometer trace thickness

(c) 70 micrometer trace thickness

Figure A.16: PCB Way’s FPC stackup for different trace thicknesses [41]
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Figure A.17: Bending radius of FPC [83]

Figure A.18: Flex-wrap schematic with 3 spiral turns
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A.8. Sleeve bearing service life & datasheet

(a) page-1

(b) page-2

Figure A.19: Iglidur service life [59]
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A.8. Sleeve bearing service life & datasheet
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Figure A.20: Z material bearing data-sheet - 1[61]

xxix



A. Appendix

29
1

29
0

Lo
ng

 s
er

vi
ce

 li
fe

 u
nd

er
 e

xt
re

m
e 

co
nd

iti
on

s
R

es
is

ta
nt

 to
 w

ea
r a

nd
 im

pa
ct

 e
ve

n 
at

 h
ig

h 
lo

ad
s 

an
d 

te
m

pe
ra

tu
re

s 
Ex

tr
em

el
y 

hi
gh

 c
om

pr
es

si
ve

 s
tr

en
gt

h 
co

up
le

d 
w

ith
 h

ig
h 

fle
xi

bi
lit

y 
en

ab
le

s 
ig

lid
ur

®
 Z

 b
ea

rin
gs

 t
o 

at
ta

in
 

th
ei

r p
ro

m
in

en
t p

ro
pe

rt
ie

s 
in

 a
ss

oc
ia

tio
n 

w
ith

 s
of

t s
ha

fts
, e

dg
e 

lo
ad

s 
an

d 
im

pa
ct

s.
 A

t t
he

 s
am

e 
tim

e 
th

e 
be

ar
in

gs
 s

ui
ta

bl
e 

fo
r t

em
pe

ra
tu

re
s 

up
 to

 +
25

0°
C

.
●

●
Ex

ce
lle

nt
 w

ea
r r

es
is

ta
nc

e 
es

pe
ci

al
ly

 w
ith

 h
ig

h 
lo

ad
s

●
●

H
ig

h 
te

m
pe

ra
tu

re
 re

si
st

an
ce

●
●

S
ui

ta
bl

e 
fo

r v
er

y 
hi

gh
 lo

ad
s

●
●

S
ui

ta
bl

e 
fo

r h
ig

h 
su

rfa
ce

 s
pe

ed
s

●
●

S
ui

ta
bl

e 
fo

r h
ig

h 
ed

ge
 p

re
ss

ur
es

●
●

Lu
br

ic
at

io
n-

fre
e

●
●

M
ai

nt
en

an
ce

-f
re

e

Ty
p

ic
al

 a
p

p
lic

at
io

n 
ar

ea
s

●
●

C
on

st
ru

ct
io

n 
m

ac
hi

ne
ry

 in
du

st
ry

●
●

M
ec

ha
ni

ca
l e

ng
in

ee
rin

g
●

●
Te

xt
ile

 in
du

st
ry

●
●

A
er

os
pa

ce
 e

ng
in

ee
rin

g
●

●
G

la
ss

 in
du

st
ry

B
ea

rin
g 

te
ch

no
lo

gy
 | 

P
la

in
 b

ea
rin

g 
| i

gl
id

ur
®
 Z

ig
lid

ur
®
 Z

+2
50

°C
15

0M
P

a

3D
 C

A
D

, fi
nd

er
 a

nd
 s

er
vi

ce
 li

fe
 c

al
cu

la
tio

n 
...

 w
w

w
.ig

us
.e

u/
Z

O
nl

in
e 

p
ro

d
uc

t 
fin

d
er

w
w

w
.ig

us
.e

u/
ig

lid
ur

-fi
nd

er
O

nl
in

e 
se

rv
ic

e 
lif

e 
ca

lc
ul

at
io

n
w

w
w

.ig
us

.e
u/

ig
lid

ur
-e

xp
er

t

Ø
  

4.
0 

– 
12

0.
0m

m

A
ls

o 
av

ai
la

b
le

 
as

:

B
ar

 s
to

ck
, 

ro
un

d 
ba

r
P

ag
e 

65
7

B
ar

 s
to

ck
, 

pl
at

e
P

ag
e 

68
3

tr
ib

o-
ta

pe
 li

ne
r

P
ag

e 
69

1

P
is

to
n 

rin
gs

P
ag

e 
58

4

Tw
o 

ho
le

 
fla

ng
e 

 
be

ar
in

gs
P

ag
e 

60
3

M
ou

ld
ed

 
sp

ec
ia

l p
ar

ts
P

ag
e 

62
4

ig
ub

al
®
  

sp
he

ric
al

 b
al

ls
P

ag
e 

84
1

In
 a

dd
iti

on
 to

 ig
lid

ur
®
 X

, i
gl

id
ur

®
 Z

 is
 a

m
on

g 
th

e 
be

st
-s

el
lin

g 
ig

lid
ur

®
 h

ig
h-

te
m

pe
ra

tu
re

 m
at

er
ia

ls
. 

S
pe

ci
fic

al
ly

 w
or

th
 

no
tin

g 
is

 t
he

 o
ut

st
an

di
ng

 w
ea

r 
be

ha
vi

ou
r 

un
de

r 
ex

tre
m

e 
co

nd
iti

on
s 

(h
ig

h 
lo

ad
s 

an
d 

te
m

pe
ra

tu
re

s)
.

M
oi

st
ur

e 
ab

so
rp

tio
n

U
nd

er
 s

ta
nd

ar
d 

cl
im

at
ic

 c
on

di
tio

ns
, t

he
 m

oi
st

ur
e 

ab
so

rp
tio

n 
of

 ig
lid

ur
®
 Z

 p
la

in
 b

ea
rin

gs
 is

 a
pp

ro
xi

m
at

el
y 

0.
3%

 w
ei

gh
t. 

Th
e 

sa
tu

ra
tio

n 
lim

it 
in

 w
at

er
 is

 1
.1

%
 w

ei
gh

t.

Va
cu

um
In

 v
ac

uu
m

, 
an

y 
pr

es
en

t 
m

oi
st

ur
e 

is
 r

el
ea

se
d 

as
 v

ap
ou

r. 
U

se
 in

 v
ac

uu
m

 is
 o

nl
y 

po
ss

ib
le

 w
ith

 d
eh

um
id

ifi
ed

 ig
lid

ur
®
 Z

  
be

ar
in

gs
.

R
ad

ia
tio

n 
re

si
st

an
ce

P
la

in
 b

ea
rin

gs
 m

ad
e 

fro
m

 ig
lid

ur
®
 Z

 a
re

 r
es

is
ta

nt
 u

p 
to

 a
 

ra
di

at
io

n 
in

te
ns

ity
 o

f 1
 · 

10
⁵G

y.

R
es

is
ta

nc
e 

to
 w

ea
th

er
in

g
ig

lid
ur

®
 Z

 p
la

in
 b

ea
rin

gs
 a

re
 c

on
tin

uo
us

ly
 r

es
is

ta
nt

 t
o 

w
ea

th
er

in
g.

 T
he

 m
at

er
ia

l 
pr

op
er

tie
s 

ar
e 

on
ly

 s
lig

ht
ly

 
aff

ec
te

d.
 P

os
si

bl
e 

di
sc

ol
or

at
io

ns
 a

re
 o

nl
y 

su
pe

rfi
ci

al
.

M
ec

ha
ni

ca
l p

ro
p

er
tie

s
W

ith
 in

cr
ea

si
ng

 t
em

pe
ra

tu
re

s,
 t

he
 c

om
pr

es
si

ve
 s

tre
ng

th
 

of
 ig

lid
ur

®
 Z

 p
la

in
 b

ea
rin

gs
 d

ec
re

as
es

. D
ia

gr
am

 0
2 

sh
ow

s 
th

is
 in

ve
rs

e 
re

la
tio

ns
hi

p.
 T

he
 m

ax
im

um
 r

ec
om

m
en

de
d 

su
rfa

ce
 p

re
ss

ur
e 

is
 a

 m
ec

ha
ni

ca
l m

at
er

ia
l p

ar
am

et
er

. N
o 

co
nc

lu
si

on
s 

re
ga

rd
in

g 
th

e 
tr

ib
ol

og
ic

al
 p

ro
pe

rt
ie

s 
ca

n 
be

 
dr

aw
n 

fro
m

 th
is

.
ig

lid
ur

®
 Z

 is
 s

ui
ta

bl
e 

fo
r 

bo
th

 m
ed

iu
m

 a
nd

 –
 d

ue
 t

o 
its

 
hi

gh
 h

ea
t 

re
si

st
an

ce
 –

 h
ig

h 
sp

ee
ds

. 
D

ia
gr

am
 0

3 
sh

ow
s 

th
e 

el
as

tic
 d

ef
or

m
at

io
n 

of
 ig

lid
ur

®
 Z

 a
t r

ad
ia

l l
oa

ds
. A

t t
he

 
m

ax
im

um
 re

co
m

m
en

de
d 

su
rfa

ce
 p

re
ss

ur
e 

of
 1

50
M

Pa
 th

e 
de

fo
rm

at
io

n 
is

 a
bo

ut
 5

.5
%

 a
t r

oo
m

 te
m

pe
ra

tu
re

.
S

ur
fa

ce
 p

re
ss

ur
e,

 p
ag

e 
41

ig
lid

ur
®
 Z

+2
50

°C
15

0M
P

a

Lu
b

ric
at

io
n-

fr
ee

 m
ad

e 
ea

sy
 ..

. f
ro

m
 s

to
ck

 ..
. n

o 
m

in
im

um
 o

rd
er

 q
ua

nt
ity

G
en

er
al

 p
ro

p
er

tie
s​

Te
st

in
g 

m
et

ho
d

D
en

si
ty

g/
cm

³
1.

40
​

C
ol

ou
r

 
br

ow
n

​
M

ax
. m

oi
st

ur
e 

ab
so

rp
tio

n 
at

 +
23

°C
 a

nd
 5

0%
 r.

h.
%

 w
ei

gh
t

0.
3

D
IN

 5
34

95
M

ax
. m

oi
st

ur
e 

ab
so

rp
tio

n
%

 w
ei

gh
t

1.
1

​
C

oe
ffi

ci
en

t o
f f

ric
tio

n,
 d

yn
am

ic
, a

ga
in

st
 s

te
el

µ
0.

06
 –

 0
.1

4
​

pv
 v

al
ue

, m
ax

. (
dr

y)
M

P
a 

· m
/s

0.
84

​
M

ec
ha

ni
ca

l p
ro

p
er

tie
s

Fl
ex

ur
al

 m
od

ul
us

M
P

a
2,

40
0

D
IN

 5
34

57
Fl

ex
ur

al
 s

tre
ng

th
 a

t +
20

°C
M

P
a

95
D

IN
 5

34
52

C
om

pr
es

si
ve

 s
tre

ng
th

M
P

a
65

​
M

ax
. r

ec
om

m
en

de
d 

su
rfa

ce
 p

re
ss

ur
e 

(+
20

°C
)

M
P

a
15

0
​

S
ho

re
 D

 h
ar

dn
es

s
 

81
D

IN
 5

35
05

P
hy

si
ca

l a
nd

 t
he

rm
al

 p
ro

p
er

tie
s

M
ax

. a
pp

lic
at

io
n 

te
m

pe
ra

tu
re

 lo
ng

-t
er

m
°C

+2
50

​
M

ax
. a

pp
lic

at
io

n 
te

m
pe

ra
tu

re
 s

ho
rt

-t
er

m
°C

+3
10

​
M

in
. a

pp
lic

at
io

n 
te

m
pe

ra
tu

re
°C

–1
00

​
Th

er
m

al
 c

on
du

ct
iv

ity
W

/m
 · 

K
0.

62
A

ST
M

 C
 1

77
C

oe
ffi

ci
en

t o
f t

he
rm

al
 e

xp
an

si
on

 (a
t +

23
°C

)
K

–1
 · 

10
–5

4
D

IN
 5

37
52

E
le

ct
ric

al
 p

ro
p

er
tie

s
S

pe
ci

fic
 c

on
ta

ct
 re

si
st

an
ce

Ω
cm

> 
10

11
D

IN
 IE

C
 9

3
S

ur
fa

ce
 re

si
st

an
ce

Ω
> 

10
11

D
IN

 5
34

82

Ta
b

le
 0

1:
 M

at
er

ia
l p

ro
p

er
tie

s

Te
ch

ni
ca

l d
at

a

–1
00

°C
 u

p
 to

 
+2

50
°C

15
0M

P
a

FO
O

D

D
es

cr
ip

tiv
e 

te
ch

ni
ca

l s
p

ec
ifi

ca
tio

ns

W
ea

r r
es

is
ta

nc
e 

at
 +

23
°C

–
+

W
ea

r r
es

is
ta

nc
e 

at
 +

90
°C

–
+

W
ea

r r
es

is
ta

nc
e 

at
 +

15
0°

C
–

+

Lo
w

 c
oe

ffi
ci

en
t o

f f
ric

tio
n

–
+

Lo
w

 m
oi

st
ur

e 
ab

so
rp

tio
n

–
+

W
ea

r r
es

is
ta

nc
e 

un
de

r w
at

er
–

+

H
ig

h 
m

ed
ia

 re
si

st
an

ce
–

+

R
es

is
ta

nt
 to

 e
dg

e 
pr

es
su

re
s

–
+

S
ui

ta
bl

e 
fo

r s
ho

ck
 a

nd
 im

pa
ct

 lo
ad

s
–

+

R
es

is
ta

nt
 to

 d
irt

–
+

Figure A.21: Z material bearing data-sheet - 2 [61]
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Figure A.22: Z material bearing data-sheet - 3 [61]
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Figure A.23: Z material bearing data-sheet - 4 [61]
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A.8. Sleeve bearing service life & datasheet
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Figure A.24: Z material bearing data-sheet - 5 [61]
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A. Appendix

A.9. Interfaces

A.9.1. Mechanical interface

Figure A.25: Nut factors[103] [185]

Figure A.26: Space saving bolt tightening torque values [64]
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A.9. Interfaces

A.9.2. Electrical interface
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Figure A.27: Omnetics Micro-D 9 pin connector
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A.9.3. Data interface
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Figure A.28: Omnetics Nano-D 25 pin connector
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