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EXECUTIVE SUMMARY

On a daily basis, the Sun experiences solar weather events, such as coronal mass ejections (CMEs) and solar flares. Varying
in size, they are characterised by violent outbursts of matter and energy from the Sun’s surface. In the rare case of a
CME of significant size hitting Earth, it could have immense consequences for the electrical power grid, especially at
auroral latitudes. CMEs cause large disturbances to the Earth’s geomagnetic field, which result in an increased energy
flux. In turn, this would induce large power surges in power lines, electrical wiring, and pipelines. If a system is not
protected from such surges, it could short-circuit and be damaged or destroyed. Adverse space weather effects are not
only limited to Earth-based electronics but also satellites, which are even more exposed to space weather than Earth-
based electronics due to trapped particles. Without an early warning of an incoming CME, the damage of an extreme
CME would be catastrophic, causing up to $10 trillion in damage just from damaged infrastructure.'

The purpose of this report is to present the preliminary design of a Space Weather Alert Network (SWAN) consisting of two
satellites, called Observation Beacon 1 (OB1) and Observation Beacon 2 (OB2). By having continuous communication
with Earth, early warnings can be given and excessive damage may be averted. Previously, a project plan, baseline design
report and midterm design report have been written about the investigation and the trade-offs necessary for certain
design decisions, the results of which are used in this report. [1-3]

OB1 and OB2 will venture to the Sun-Earth system’s Lagrangian Point 1 (L1) and Lagrangian Point 5 (L5). These Lagrangian
points are of interest since they allow spacecraft to remain stationary in them relative to the Sun and Earth, with only very
little fuel consumption. This makes L1 and L5 ideal for continuous monitoring from a single position. In Figure 1 the exact
location of all Lagrange points are given, but the main focus will lie on L1 and L5. Due to its location between the Sun and
the Earth, L1 is ideal for in-situ measurements of incoming CMEs. Since warnings sent from L1 might not always be early
enough, an additional satellite can be positioned in L5 to enable remote sensing of the Sun and the heliosphere between
the Sun and Earth. This satellite can monitor activity on the surface of the Sun, and send a warning when increased
solar activity is observed. In addition, due to the counter-clockwise rotation of Sun from the perspective of Figure 1, an
L5 satellite will observe one side of the Sun before that side faces the Earth. Lastly, L5 also boasts a clear view of the
heliospheric plane between the Sun and Earth, allowing for remote tracking of CME propagation”.

L4

L3 Sun L1 L2

Earth

L5

Figure 1: The Positions of the Lagrange Points Relative to the Earth and Sun”

The general idea about the mission together with the need for two satellites at the L1 and L5 points is clear, therefore this
report will primarily focus on the design of every subsystem. The two spacecraft have two different transfer trajectories
towards respectively L1 and L5, also both satellites have a different set of payload instruments, L1 mainly consists of in-
situ measurement instruments and L5 mainly consists of remote sensing instruments. Therefore the two satellites have
very distinct properties and thus every subsystem will be sized accordingly for both OB1 and OB2.

The main subsystems which will be designed in this report are the Payload, Attitude Determination & Control Subsys-
tem (ADCS), Telemetry, Tracking & Command (TT&C), Control & Data Handling (C&DH), Propulsion, Electronic Power

lhtip:/ /www.dailymail.co.uk/sciencetech/article-5128079/Doomsday-solar-storm-devastate-Earth-moment.
html
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System (EPS), Thermal Control and Structures. For each of these subsystems a preliminary sizing has been performed
in which the main characteristics are designed and determined, furthermore, CAD models have been made to give a vi-
sual representation of the design. The main characteristics of each subsystem for OB1 are shown in Table 1. For OB2 a
different set of spacecraft characteristics have been developed which are shown in Table 2.

Research has already been done on the payload in the midterm report, however their main characteristic requirements
are given in this report together with the influence they have on the other subsystems. [3] In this report the decision has
been made to make a distinction in payload instruments on OB1 and OB2, this was for cost budget reasons and additional
instruments which were necessary to get the required data for a warning system. This indirectly means that every other
subsystem has to be designed twice as well, due to the different power, mass, stability and thermal characteristics of both
spacecraft.

The Attitude Determination & Control Subsystem has been sized according to the stability and pointing accuracy require-
ments of the payload instruments together with the requirement arising from the TT&C subsystem such that the antenna
should always point towards the Earth. From these requirements, Star trackers, Sun sensors and gyroscopes have been
placed on the satellite to determine the attitude of the spacecraft. Furthermore, reaction wheels together with thrusters
should make the spacecraft able to control the attitude around three axes at all times. The purpose of the reaction wheels
is to make sure that the stability requirements of the payload and antenna are met and momentum is stored, the main
function of the thrusters is then to dump momentum.

The Telemetry, Tracking & Command department should be able to cope with the data generated by the different payload
instruments. Therefore the data rate of both satellites which has to be sent to Earth has been determined and a link budget
has been set up. Moreover, the TT&C subsystem should be designed such that there is a redundant antenna system to
ensure direct communication to Earth at all times.

The Control & Data Handling department has determined the ground stations which could be used to ensure the connec-
tion with the satellite. Therefore NASA’s Deep Space Network and ESA's ESTRACK has been chosen because these stations
give an assurance that communication with the satellites OB1 and OB2 is always possible. Lastly, to limit the data rate
of both spacecraft a compression type and compression ratio has been chosen and analysed such that the data can be
compressed.

The propulsion system has been sized for the transfer orbit towards L1 and L5, which has been simulated in GMAT. For
both spacecraft, the propulsion trade-off has been analysed and the main conclusion from this trade-off was that chemi-
cal propulsion will be the main propellant type throughout the entire mission lifetime. For the chemical propulsion type,
the propellant type and mass have been determined together with the pressurant type and mass. Lastly, the propellant
tanks have been sized and chosen from already available propellant tanks.

The Electrical Power Subsystem has been sized to generate the required power for all the instruments and the rest of the
subsystems. Specific characteristics such as the mass and capacity of this subsystem have been determined. Further-
more, an electrical block diagram has been generated to give an overview of the electrical wiring throughout the satellite.
During the lifetime of the satellites the main electrical power source is chosen to be solar cells, but during burns and
transfers batteries will also be used.

The thermal environment of the spacecraft has been analysed throughout the entire spacecraft lifetime. This means that
the temperature of the spacecraft is modelled from the launch pad until the end-of-life manoeuvre. Important for the
thermal subsystem is the orientation with respect to the Earth and Sun because the main thermal control mechanism
used is passive control by different coatings and/or foils around the spacecraft. These coatings and/or foils have been
chosen in such a way that the steady state temperature of both spacecraft falls between the operational requirements set
by the instruments and subsystems. Furthermore, an ANSYS®model has been made to model the temperatures inside
the satellite for different critical subsystems or instruments of the spacecraft.

Lastly, the structures department has sized the spacecraft structure on which all instruments and subsystems are mounted.
Vibration and stress analysis has been performed on the satellite and subsystems outside the bus of the satellite such as
the solar panels and the booms on which the magnetometer is attached. Furthermore, CAD models of the subsystems
and the entire spacecraft have been made to provide a visual representation of the spacecraft. FEM analysis of these CAD
models has been performed to look at the stress and deflections of the bus of the satellite.
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Table 1: L1 Spacecraft Characteristics

L1 Spacecraft Design

Dry mass: 226.6kg

Mass Propellant mass: 31.2kg
Wet mass: 257.7kg
General Dimensions 0.821 mx0.821 mx 1.56 m
Properties Cost €317.8 million
AV 180.9 ms™ "
MMOI around X, y, z 57.82 kgm?, 83.09 kgm?, and 39.95 kgm?
Magnetometer
In-situ Faraday Cup
Payload SEP Monitor
Remote Sensing Coronagraph
X-ray Sensor
1 TERMA T2 Star trackers =i
Sensors 7 S3 Sun Sensors lr/
ADCS 2 LN-200S Northrop Grumman IMUs 2
Actuators 16 MR-111C 4N Thrusters
4 Surrey 10SP-M Reaction wheels
Diameter: 0.2m
Antenna
Type: Horn antenna
BPSK Reed Solomon (255,223)
TT&C Coding Viterbi R=0.5
SNR=2.7dB
Data rate 30 kbps
Backup antenna Low-gain helical
. NASA’s Deep Space Network
et Ground Station ESA's ESTRACK
On-board processor RAD750
Compression Ratio 1
AMBR Aerojet Rocketdyne
Thruster Thrust: 623N, I,: 3335
NTO: 14.4 kg
Propellants
Propulsion p MMH: 12.0 kg
Pressurant Helium: 50L
NTO: 13.6L 80197-1 Northrop Grumman
Tanks MMH: 14.5L 80342-1 Northrop Grumman
He: 50L PVG-50 MT Aerospace
Type: Extendable Triple-Junction GaAs ultraflex
Solar Arrays Area: 1.4 m?
Power: 463.6 W
EPS Type: Li-Ion
Batteries Mass: 0.23 kg
Capacity: 28.7 Wh
Operational Temperature Mlnl'mum: 19°C
Maximum: 24°C
Front: Hughson white paint Z-202 + 1000 ESH UV
Thermal -
Passive insulation Back and right: Electroplated gold
Left: Blue Copper foil tape sanded
Top and bottom: Kannigen - Nickel alloy
Ti-6Al-4V central stiffening cylinder
Ti-6Al-4V rectangular frame carrying the main loads
Structures

Nomex honeycomb core with CF face sheets on outer side of the frame

Most payload is contained within the central cylinder
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Table 2: L5 Spacecraft Characteristics

L5 Spacecraft Design

Dry mass: 447.8kg
Mass Propellant mass: 826.6kg
Wet mass: 1274.4kg
General Dimensions 1.297mx1.297 mx2.398 m
Properties Cost €342.8 million
AV 2707.5ms
MMOI around X, y, z 513.09 kgm?, 743.81 kgm?, and 422.22 kgm?
In-situ Magnetometer
Magnetograph
EUV Imager
Payload Remote Sensing Coronagraph
X-ray Sensor
Heliospheric Imager
2 TERMA T2 Star trackers
Sensors 7 S3 Sun Sensors
ADCS 2 LN-200S Northrop Grumman IMUs
Actuators 16 MR-111C 4N Thrusters
4 Honeywell HR 0610 Reaction wheels
Antenna Diameter: 1.44m
Type: Deployable parabolic antenna
BPSK Reed Solomon (255,223)
TT&C Coding Viterbi R=0.5
SNR=2.7dB
Data rate 77 kbps
Backup antenna Low-gain helical
. NASA’s Deep Space Network
D Ground Station ESA’s ESTRACK
On-board processor RAD750
Compression Ratio 9.6
Thruster AMBR Aerojet Rocketdyne
Thrust: 623N, I,: 333s
NTO: 381.5 kg
Pro
Propulsion pellants MMH: 319.0 kg
Pressurant Helium: 140L
NTO: 393L PTP-393 MT Aerospace
Tanks MMH: 288L PTP-288 MT Aerospace
He: 2x 70L PVG-70 MT Aerospace p
Type: Extendable Triple-Junction GaAs ultraflex ~
Solar Arrays Area: 1.7 m? rgjjl,ﬁ
Power: 556.2 W R
EPS Type: Ni-H2 A 'Jé&
Batteries Mass: 6.32 kg
Capacity: 379.0 Wh
Operational Temperature Minimum: 18°C
Maximum: 23°C
Thermal Front: Sherwin Williams F8W2030 + Polasol V6V241
Passive insulation Back, right, bottom, and top: Electroplated gold
Left: Silver Beryllium Copper (AgBeCu)
Ti-6Al-4V central stiffening cylinder
Structures Ti-6Al-4V rectangular frame carrying the main loads
Nomex honeycomb core with CF face sheets on outer sides in frame
Most payload is contained within the central cylinder
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INTRODUCTION

This Final report marks the fourth and final milestone of the Design Synthesis Exercise (DSE) of designing a satellite
system at Lagrangian points L1 and L5 to monitor space weather phenomena from the Sun. This mission is called project
SWAN: Space Weather Alert Network. The goal of this satellite system is to provide an early warning system for solar
weather phenomena that may be hazardous to Earth’s technological infrastructure. Before this report, three other reports,
namely a project plan, baseline report, and midterm report were written. [1-3]

This report specifies the detailed design of the subsystems of the satellites. In particular, astrodynamics, payload, Teleme-
try, Tracking & Command (TT&C) system, propulsion system, Attitude Determination and Control System (ADCS), ther-
mal control system, power system and the structure will be discussed.

First of all a market analysis is performed in Chapter 2. In addition to the propulsion system trade-off performed in the
midterm report, this report contains a more detailed analysis on the propulsion trade-off in Chapter 3. This is followed
by the updated functional diagrams of the system in Chapter 4. Consequently, a sustainable development strategy is de-
veloped in Chapter 5 as this is an important factor in the design. After that, the design of the mission will be discussed
starting with the payload that will be used to monitor space weather at the two Lagrangian points in Chapter 6. The
payload will gather data, which will need to be sent to Earth. The design of a communication system will therefore be
discussed in Chapter 7. In order to be able to execute the mission, it is necessary to perform a detailed astrodynamics
design of the mission in order to be able to travel to the L1 and L5 points, which will be discussed in Chapter 8. This
astrodynamics analysis is followed by the design of the main propulsion system for both spacecraft in Chapter 9. When
the exact trajectory to both Lagrangian points is known, it is possible to perform a detailed analysis on the thermal and
power characteristics of the spacecraft in order to regulate the temperature of both spacecraft and to make sure that the
spacecraft are able to generate sufficient power for the subsystems. This will be discussed in Chapter 10 and Chapter 11
respectively. A number of requirements arise from the design of the payload, TT&C system, propulsion system and power
system regarding pointing of the spacecraft. For this reason, the ADCS system will be designed in Chapter 12. Finally, after
designing each subsystem of the spacecraft, these subsystems need to be fitted into a structure that is able to cope with
the loads the spacecraft will experience during the mission. The structural design will be discussed in Chapter 13. Sub-
sequently, after designing the spacecraft subsystems, the interfaces between each of the subsystems will be discussed in
Chapter 14, followed by the budgets of the main system parameters in Chapter 15. The report finalises with the activities
that need to be performed after the DSE in Chapter 16 and the conclusion and recommendations.

In this report, both spacecraft will have a specific reference name. The spacecraft to L1 will be referenced as Observation
Beacon 1 (OB1) while the spacecraft to L5 will be referenced as Observation Beacon 2 (OB2).

An important final note is that this project assumes that the mission takes place in an "ideal universe". Currently, NOAA
is committed to space weather missions to L1, starting with DSCOVR, so that ESA can spend its resources towards an L5
mission. However, in the ideal universe project SWAN is a product of all different space agencies around the world that
work together as one. Thus, there are no political issues regarding cooperation between the National Aeronautics and
Space Administration (NASA), the European Space Agency (ESA), the National Oceanic and Atmospheric Administration
(NOAA), etc.
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MARKET ANALYSIS

For every project to become reality a market analysis should be performed to determine if the investment made is actually
worth it. In this chapter, the incentive for investment in this project is analysed. Due to the project aiming towards a
warning system, for which the data will be publicly available, the direct return on investment (ROI) will be very minimal.
Since no single company, taking into account this fact in combination with the large investment needed, will set aside the
full budget needed for this project, it is assumed that the project is funded by a governmental organisation such as ESA or
NASA.

2.1. SPACE WEATHER IMPACT

The damage to Earth if a large coronal mass ejection were to hit Earth directly would be very significant. Researchers
from the Harvard-Smithsonian Centre for Astrophysics estimate that the damages to the global economy could reach $10
trillion if such an event occurred in the coming decade and that recovery would take several years. This could rise to
$20 trillion in damages accounting for the technological advancements made in coming years'. Moreover, it is estimated
that the damage to just the US economy could be $40 billion per day”’. Thus, although no direct return on investment
is obtained, massive damages to almost every company and government on the planet can be prevented by a system
providing early warnings of coronal mass ejections. One could say that the potential market value of this system could
become the same as the value damages it would prevent, meaning it would be worth 10 trillion. Even if the extreme solar
weather is not observed in the mission lifetime, a great deal of scientific data about solar weather can be obtained, adding
value to the scientific community. One might argue that the chance of occurrence of such a massive event is very low,
but it turns out that is much higher than expected. Riley [4] states that the chance of a Carrington event occurring in the
coming decade is a surprisingly high 12%.

Even when such an event does not occur, ESA estimated that the annual damages of space weather at the current time are
approximately €200 mln [5], of which 30-40% would be borne by the European Union. The severity of significant space
weather events directly tied to the main incentive to invest in this project. Having a space weather system in place would
allow, for instance, for satellites to be turned to face away from the sun, and power stations to be stopped temporarily,
which would greatly reduce the economic impact of such a storm hitting Earth.

2.2. STAKEHOLDER ANALYSIS

To start any market analysis, it is important to determine the stakeholders of the project. The project does have multiple
stakeholders who may influence or be affected by the success and results of the mission. The stakeholders can be divided
into primary and secondary stakeholders. Primary stakeholders are those that will directly use the data for either space
weather prediction or model development and validation. The DSE board is included since they define the outline of the
project. Secondary stakeholders are those that will not directly use the data, but could be interested in the data when a
solar storm is detected.

Primary Stakeholders

» Space Agencies (e.g. NASA, ESA, Roscosmos).

» Space weather warning services (e.g. NOAA).

Scientists involved in solar weather and magnetohydrodynamics who want to test their models with the mission

data.
e DSE board.
lp¢ tp://www.dailymail.co.uk/sciencetech/article-5128079/Doomsday r-storm-devastate—-Earth-moment.
html
zhtipf;‘ ://www.extremetech.com/extreme/243255-massive-solar-storm-cost-us—economy—-40-billion-per-day
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Secondary Stakeholders

The general public

Emergency response services

Power providers

Electrical grid maintenance companies
Data handling companies

The military

Insurance companies

Geological companies such as off-shore and pipe-
line maintenance companies.

— Earth weather forecast services
— Earth observation services

— Scientific data services

Educational services

Manned spaceflight services

Space tourism services

and many more

Aurora watching tourism providers
(European) Governments

Non-Governmental Organisations (NGO’s) such as

environmental, health and human rights organisa-

» Companies and organisations providing satellite ser-
tions

vices such as

_ Communication services » International institutions such as the United Nations

. . (UN)
- Broadcasting services
- Military satellite services * Airlines
- Navigational data services  Space weather enthusiasts

The stakeholders are also shown in the stakeholder map in figure Figure 2.1.

DSE board
Dutch government
ESA, NOAA, NASA

5 Wi i Military sat. services
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Figure 2.1: Stakeholder Map for the SWAN Mission

Stakeholders like the Dutch government have relatively high power but will likely have a relatively low interest in the
project. On the other end of the spectrum, scientists have a relatively limited influence on the mission but have a large
interest as measurements of the solar environment could lead to new discoveries about the nature of space weather.

There is also a large degree of scientific interest in the mission as the data collected by these spacecraft could be used for
improving the understanding of solar weather and magnetohydrodynamics. Moreover, recent research into improving
space weather detection algorithms making use of artificial intelligence requires a lot of data for validation and improve-
ment of these forecasting models.” On top of this, the mission could also serve as a platform to improve the detection
of approaching Near-Earth Objects (NEO’s). Due to background light from the sun, it can be difficult to observe NEO’s
from Earth that are approaching at a path that lies close to the direction of the sun (as viewed from Earth).[6] A scanning



https://bit.ly/2L25FlI

instrument at a Lagrange point looking back to Earth could make use of the shade of the spacecraft and more reliably
detect these NEOs. However, as the expected margin in the cost budget for such additions is quite low, this should only
be incorporated if additional funding for this is provided by an organisation actively involved in the detection of NEOs.

Lastly, data handling companies are also an important party in this project. These companies can perform value increas-
ing operations on the publicly available raw data which they can sell to other institutions. This way, they can build a
market of their own where they charge costumers a certain amount in exchange for processed and interpreted data. An
example of this could be an aurora tourism operator paying a certain data handling company to provide them with anal-
ysed data about when auroras will occur since the tourism operator itself does not have the means to analyse the raw
data.

2.3. COMPETITORS

Before the current mission, numerous spacecraft were launched with the purpose of performing scientific measurements
on the sun and observing solar behaviour. Most of these missions were launched in the 1990’s, the main examples being
ACE, SOHO and the STEREO spacecraft. These spacecraft are still operational but are far beyond their design life (more
than 20 years). This means that their technology is outdated and the chance of them failing is relatively high. The most
recent mission was the DSCOVR launched in 2015, but this too has origins that can be traced back to the 1990’s, when
Al Gore conceived the mission as an Earth observation mission. Although the project was adapted to a solar and Earth
observation mission in 2012, the design of the spacecraft is still not optimal for solar observation as Earth observation
also had to be designed for.

Moreover, all these missions went only to the Sun-Earth L1 point, with the exception of the STEREO spacecraft, which
went into Earth-trailing orbits. Adding an observation from the Sun-Earth L5 point would significantly improve the mon-
itoring and warning capabilities as the side-view of the L5 spacecraft could provide far superior data on the progression
of a coronal mass ejection through space as compared to data from the L1 point. A two-spacecraft mission to both the
L1 and L5 points would provide the benefits of both, with the additional benefit that both spacecraft could be perfectly
matched as to obtain maximum combined useful output, one spacecraft providing data that the other lacks or adding a
measurement point in space which could aid the accuracy of the warning and result in better data for model validation.

Due to the assumption during this project that the mission is operated in a perfect world where there is an overarching
governmental organisation which performs this mission, similar project from organisations such as ESA and NASA/NOAA
are not considered to be competitors. In reality, ESA is planning to perform a similar mission. [6]

2.4. CURRENT MARKET

Raw space weather prediction data from government-funded projects is generally publicly available through space weather
prediction centres (data providers). However, users of space weather predictions require processing of this raw data and
application of the information to their specific needs. These users generally require the following information to be ex-
tracted from the raw data: where and when a disruptive event will occur, how long it will last, what the likelihood of
occurrence is, and what the resulting damage would be.

In a survey conducted in 2001 as part of a consortium of European companies (led by Alcatel space), organisations and
agencies from various market sectors influenced by space weather were questioned about their willingness to pay for
data processing services. From this, it was concluded that the companies prefer to employ specialist services as opposed
to a general service.[7] This behaviour is also what is observed in the market, where users who are aware of the benefits
of space weather predictions employ specialists to make sense of the data. A representation of this market structure is
shown in Figure 2.2.[8]

From this diagram, it can also be noted that the scientific community can impose data requirements in the form of more
accurate data allowing for proper scientific analysis. However, this will impose more stringent constraints on certain
spacecraft instruments. Although this might make the mission sub-optimal for space weather alert purposes, not adding
these features could make some stakeholders (e.g. the board of directors of ESA and the scientists) consider the mission
as a waste of money. It is therefore very important to find a good balance between the alert function and the scientific
function in this project. Failing to do so could result in the project being cancelled due to budget allocation to another
project that has more direct application. In order to more thoroughly analyse the nature of the market, a SWOT analysis
was performed. The results of this analysis are shown in Table 2.1.

2.5. FUTURE MARKET

Since the current budget of €800 mln is relatively low, future investors and governments might be more inclined to invest
in the project. After the end of life of the first satellites, new satellites of the same, or a very similar design could be
deployed. This means that the costs of those spacecraft would be significantly lower than the first iteration. The only
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Figure 2.2: Current space weather market structure[8]

Table 2.1: SWOT of space weather prediction market

Increasing importance of space weather as dependent market sectors grow.
Strengths Market not yet saturated

Lack of significant competition

Limited awareness of problem [8]

Limited user awareness of space weather prediction benefits [8]
Weaknesses
Consumers (planet population) do not pay for the service even though they use it.

Dependency on government funding policies to space projects

Need for replacement of current ageing L1 missions

Current monitoring systems at L1 are not optimised for space weather purposes
Opportunities | Improved warning data from space weather monitoring system at L5

Can use the mission to commercialise improved space weather prediction models

Numerous opportunities for providing value-added services to the raw prediction data [5]

Competition from currently ongoing missions (SOHO, STEREO)

Project cancelling (such as with DSCOVR)
Threats

Possible funding cut

Limited attention, prioritising projects with a short-term importance.

constant costs would be the equipment and launch costs. However, additional development costs would be minimal. Of
course, operational costs would continue with the same rate as for the first family of spacecraft.

As mentioned before, performing value-adding practices on the raw data of the satellites is very important. However, as
shown in a study performed by ESA, not many companies are currently present that actually perform these actions.[5]
It is estimated that these services are worth approximately €4-5 mln annually. This value will only increase as the world
becomes increasingly dependent on electrical systems.

Moreover, in the same study, it is shown that the awareness in certain sectors about the benefits of this data to their
sector is very limited. This mainly involves the geological, insurance, military and tourism sectors. Once these sectors
are made aware of these benefits, a lot of possible capital can be made available for companies providing these benefits.
Governmental Agencies could provide education about the problem of space weather, while commercial companies can
provide value-added data.



2.6. RETURN ON INVESTMENT

As can be seen in the previous paragraph, the yearly costs that could be saved with a solar weather alert network as a
consequence of space weather are estimated to be approximately €200 mln annually [5]. With the total cost to develop

the two satellites determined to be €731,936 thousand, the net present value (NPV), the cost coverage and internal rate
of return (IRR) of this mission could be determined. These three parameters give a good overview of the viability of the
project and the possible profit/losses gained.

First of all the rate of return of a project is the gain or loss on an investment voer a specified amount of time.” This
is expressed as a percentage of the investment costs and gives thus an indication of the viability of the project. The net
present value is closely related to this and is defined as the sum of the discounted cash flows minus the original investment
and possible operational/maintenance costs.” This indicates whether the project will make a profit or not, whilst taking
into account the fact that money of today is worth more next year (which is meant by the word discounted). When the net
present value is bigger than zero, the project is financially viable. The cost coverage is the total discounted revenues over
the total discounted costs. This is always shown as a percentage and when this is more than 100% the project is profitable.
Lastly, the internal rate of return is the rate of return at which the project’s net present value equals zero. Thus, at this
point, the project’s cash flow equals the project’s costs.” This means when the internal rate of return is higher than the
hurdle rate, which is the minimum rate of return of the project that is required, then the project is financially viable.” In
Figure 2.3 the NPV, IRR and cost coverage can be seen for this project.

DEVELOPMENT + OPERATIONAL COSTS BENEFITS
Base Year 2023
Hurdle rate 3.0%
Operational Costs 0.1%
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2023| £731,936,000.00 -£731,936.00 £732,667,936.00 «£732,667,936.00 £€0.00 £€0.00| £732,667,936.00 £732,667,936.00
2024 £€0.00 -£731,936.00 -£€731,936.00 £710,617.48 £€0.00 £€0.00 -£731,936.00 £710,617.48|
2025 £€0.00 -£€731,936.00 -£€731,936.00 -€689,919.88 € 200,000,000.00 €188,519,181.83| €199,268,064.00 € 187,829,261.95)
2026 £€0.00 -£731,936.00 -£€731,936.00 -€ 669,825.13( € 200,000,000.00 €183,028,331.87| €199,268,064.00 € 182,358,506.75|
2027 £€0.00 -£731,936.00 -£€731,936.00 -€ 650,315.66( € 200,000,000.00 €177,697,409.58| €199,268,064.00 € 177,047,093.93)
2028 £€0.00 -£731,936.00 -£€731,936.00 -€631,374.42 € 200,000,000.00 € 172,521,756.88| £ 199,268,064.00 €171,890,382.45|
2029 €0.00 £ 731,936.00 £ 731,936.00 =€ 612,984.88( € 200,000,000.00 € 167,496,851.34| €199,268,064.00 € 166,883,866.46)
Net Present Value (NPV) £736,632,973.44 €889,263,531.49 €152,630,558.06|
Cost Coverage 120.7%
Internal Rate of Return {IRR) 8.1%

Figure 2.3: Net Present Value and Internal Rate of Return calculation

To come up with Figure 2.3, some assumptions have been made. First of all that the satellite is build in 2023, therefore
all the development costs are planned during 2023. Then, there is a transfer period of one year in which the satellite is
operational, but will not generate useful data which can save the investors money. Therefore this rate of return is given
for seven years, from which five are operational and useful for gathering the required data. Besides this, the operational

(yearly) costs are estimated to be 0.1 % of the development costs of the spacecraft. Lastly, the hurdle rate (the required
rate of return) is assumed to be 3 % per year.

With these assumption given for the spacecraft, the net present value in 2029 is determined to be €153 million, the cost
coverage is 120.7 % and the internal rate of return is 8.1 %. As one can see is the net present value greater than zero, the

cost coverage more than 100 % and the internal rate of return greater than the required rate of return, making this project
a financially viable project.
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TRADE-OFF REVISION

This chapter will describe a revision of the trade-offs done in the midterm phase of the DSE as described in the midterm
report.[3] This was mainly done because hybrid options were not considered and some realisations after the perfor-
mance of this trade-off changed its outcome. The options that are considered again are solar electric propulsion, the
MMH-nitrogen tetroxide propellant combination as well as the combination of chemical propulsion and a solar sail. The
propulsion system that comes out best in this trade-off is the one that will be chosen for the final design.

3.1. SOLAR ELECTRIC PROPULSION

The use of solar electric propulsion was reconsidered as a main propulsion system option. Currently, the only solar
observing spacecraft situated in a Lagrange point that is still within its mission span is the DSCOVR spacecraft [9]. Other
space weather observing spacecraft are already operative for a longer period than the planned mission, what results in
the risk of the spacecraft becoming inoperative in the near future. For this reason, the requirement was set that the space
weather alert system shall be operative before 2025, which is at twice the lifetime of the DSCOVR mission. In the midterm
report [3], an analysis was performed on the post DSE operations, what resulted in a launch date in July or August 2023.
Furthermore, it was determined that the use of solar electric propulsion to L1 and L5 have a time of flight of 1.15 years
and 3.00 years respectively.[3] Due to the fact that both spacecraft consist of different payload as explained in Chapter 6,
it is necessary to have both spacecraft operational before 2025 in order to meet the earlier stated requirement. For this
reason, the use of solar electric propulsion would be unacceptable for a mission to L5. According to the midterm report
[3], two identical spacecraft in terms of subsystems such as EPS, ADCS and propulsion system are in favour compared
to two non-identical spacecraft. Therefore, it was decided to eliminate solar electric propulsion from both the L1 and L5
propulsion trade-off matrices.

3.2. SOLAR SAIL - CHEMICAL PROPULSION HYBRID SOLUTION

Another possibility that was not considered in the initial trade-off as described in the midterm report[3], is using a com-
bination of a solar sail and chemical propulsion. In this option, the main chemical propulsion system would be used to
travel to L1 or an equilibrium point a bit closer to the sun. After arriving, the solar sail would be deployed. This would
allow the spacecraft to stay in the artificial equilibrium point, resulting in a greater warning time. Moreover, the solar sail
could be used for station keeping. For L5 this option is not considered, as there is no benefit to a small solar sail as moving
closer to the sun is not an advantage, while using a solar sail as a main propulsion system was discarded immediately due
to the cost as explained in the midterm report.[3]

To calculate the effect of the solar sail on the warning time properly, a more thorough look needs to be taken to the
definition of the L1 point. In the L1 point, the gravitational force of the Earth, Sun and the centrifugal force are all in
balance. This can be denoted mathematically as

GMsmse GMemge MgcUse

(r—R? RZ  (r-R?

3.1)
where G is the gravitation constant, equal to 6.674 -10!! m3kg™1s™2. M; and M, are the respective masses of the Sun and
the Earth, r is equal to 1 AU and R is the distance between the spacecraft and the Earth in m. vy is the orbital velocity of
the spacecraft in ms~!. Adding the force generated by the solar sail Fs; = PsAgs, the equation becomes
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where P; is the solar radiation pressure at the position of the satellite, which can be calculated from the Einstein relation
for photon momentum, p = % The solar pressure is inversely proportional to the distance between the spacecraft and
the Sun. Ag; is the area of the solar sail. After rearranging, the following equation is satisfied at the artificial equilibrium
point.
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From this equation, it can be deduced that for a higher solar sail area will move the artificial equilibrium point towards
the sun. Figure 3.1a shows the percentage increase of the distance from the Earth of this point compared to L1 (and thus
a similar increase in warning time). Note that the x-axis shows the sail side length of a solar sail. It can be seen that, with
a spacecraft total mass at L1 of 427 kg, for the largest actually tested solar sail of 38 x 38 m[10], an increase in warning
time of 5% can be obtained. An 85 x 85 m solar sail, which is the biggest proposed conceptual mission[11], results in
an increased warning time of about 28%. For the fastest CMEs travelling at 3000 kms™!, this only results in an increase
of 1-2 minutes in warning time. This is way too little to have a significant effect on reducing the damages as preliminary
warnings will have been sent to Earth already by means of detection from the optical instruments, and everyone will be on
full alert. This model is verified by comparing figures as presented by Heiligers[10] for artificial equilibrium points for the
45 kg Sunjammer mission to the output of the program, which only results in a difference of 5%. This difference mainly
occurs due to the fact that an ideal solar sail is assumed in this case, while in reality impurities will, of course, decrease the
efficiency of the solar sail. Figure 3.1b shows the advantages of a larger solar sail. It can be seen that for a solar sail larger
than 150x150 m the use becomes increasingly more advantageous. This size is far beyond what is currently proposed.

advantage of solar sail advantage of solar sail
T T T T T
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(a) Warning time increase for a specific solar sail area. Itis ~ (b) Warning time increase for a solar sail area up to 300 x
assumed that the spacecraft has a total mass of 400 kg,  300. This shows that it becomes beneficial to use a solar sail
which is an initial estimate of the spacecraft mass based on from approximately 150 x 150 m.
statistical data.

Figure 3.1: Advantages of a solar sail.

The easy conclusion that can be drawn is that the spacecraft is just too heavy for it to be effective to use a solar sail and
thus it will not be included in the trade-off. Using a solar sail as the main propulsion system is still considered as it is more
sustainable.

Hydrazine as a monopropellant was not considered as a feasible option as the specific impulse of this option is much
lower (around 220[12]). This would result in an even higher propellant mass and since, as will be explained later, the
launcher is already quite approaching its capacity limits, this option would cost too much mass.

3.3. FINAL TRADE-OFF

In the previous section, an explanation was given about why these certain configurations were not included in the trade-
off. However, amongst the configurations that were included in the trade-off initially, some changes to the values assigned
to the criteria have been changed as well. In the midterm report[3], this initial trade-off is presented. In this trade-off, it
turned out that the use of hydrogen peroxide and RP-1 as propellants was the optimal choice for the spacecraft. However,
after re-evaluation, this trade-off will have to be redone. It was concluded that the number for the technical feasibility
of this propellant combination was overestimated. This is the case because there is currently no commercial propulsion
system available that uses these propellants. This means that a new propulsion system would have to be designed and
tested specifically for this mission, of which it is doubtful if it would be completed before 2023 within budget. In the
project team'’s own variation of Akin’s 39 law of spacecraft design', the following is true:

"The three keys to keeping a new spacecraft affordable and on schedule:
1. No new propulsion systems.
2. No new propulsion systems.

3. Whatever you do, don’t develop any new propulsion systems."

lhtipf;‘ ://spacecraft.ssl.umd.edu/akins_laws.html
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Since the technology readiness level of this system is 8, but the development of a propulsion system would cost a lot of
money and a lot of time, the score for technical feasibility of the hydrogen peroxide - the RP-1 engine is lowered to 7.
Other changes to the trade-off matrix include:

» Changes in the weight, for which an explanation is given below.

» The score of the closer-to-the-sun factor of the chemical propellant options was increased to 7.66, as a feasibly solar
sail will only increase the warning time by 28%.

For the L1 trade-off, warning time and technical feasibility received the largest weights amongst the criteria. The warning
time is highly important considering it marks the quality of the mission as a warning system. Technical feasibility was
put on the same level of importance as the group defined it to be: the ability to complete the mission (both in design and
development) with the resources, time and experience available, given the project complexity. As there is a high need for
replacement of the current space weather warning systems, the importance of feasibility to complete the mission should
be stressed.

For this specific mission, sustainability was allocated a higher weight than mass and cost, as the team is willing to allow
a slightly higher cost and mass if it means being more sustainable. Furthermore, cost as a criterion was deemed more
important than the mass. This was done because while the cost requirement is quite difficult to comply with for the
mission, the launcher has a much higher mass capability than is needed for the mission (making the mass requirement
more easy to comply with). Reliability was given a larger weight than the mass considering it would be a big problem if
the mission fails, as this would mean a few more years would pass before the current systems can be replaced. However,
considering the planned risk mitigation measures are expected to allow for a good reliability to be achieved, reliability
was given a lower weight than the cost.

The transfer time was given a rather low weight considering the ranges of values for the different options are all well within
the requirement for this criteria. Lastly, volume was given the lowest weight, as the launcher capability is significantly
larger than what is needed (even more so than the mass capability). For the L5 trade-off, transfer time, warning time and
reliability are not included as criteria. This is because each of the options was allocated the same score for these criteria.
The remaining criteria (mass, cost, volume, technical feasibility and sustainability) were scaled accordingly such that the
proportion between the weights remained the same as was the case for the L1 trade-off. The result from the trade-off
for the missions to L1 and L5 can be observed in Table 3.1 and Table 3.2 respectively. It can be concluded that NTO with
MMH would be the optimal option for both spacecraft.

Table 3.1: Propulsion Trade-off for L1. - =Poor, - =Marginal, Yellow = Sufficient, - =Good, - = Excellent.

Parameter Mass | Cost Vol- | Technological Tran-| Warning Sustainabi- Reliabi- | Final
ume | Feasibility sfer | Time lity lity Score
Time
Weight 10 14 4 19 6 19 16 12

8.0

95% Hydro-
gen Peroxide
+ RP-1

8.19

Yellow

Solar Sailing 7.82

NTO + MMH

Table 3.2: Propulsion Trade-off for L5. - =Poor, - =Marginal, Yellow = Sufficient, - = Good, - = Excellent.

Name Mass Cost Vol- Technical Feasibil- | Sustainability Final
ume ity Score
Weight 16 22 6 25 25

7.71 8.0

95% Hydro-
gen Peroxide
+ RP-1

8.77

Yellow Yellow

NTO + MMH

Yellow




4

FUNCTIONAL DIAGRAMS

In this chapter the functional flow diagram and the functional breakdown structure will be provided. With the aid of these
tools the operations of the entire mission can be described.

4.1. FUNCTIONAL FLOW DIAGRAM

The functional flow diagram shows the operation and logistics of the whole mission, from design to manufacturing to
actual operation of the spacecraft. It is show in Figure 4.1-4.8. The operational life of the mission can easily be divided
into four main mission phases. These are:

1. Pre-launch activities: This phase consist of the design and construction of the satellite, as well as the qualification.
After the satellite is built, it of course also needs to be transported to the launch site. This puts constraints on
the design of the spacecraft. However, since the spacecraft is relatively small, transportation will not pose a big
problem. Testing is an important part of this phase as well. This is normally the phase where the most delays occur.

2. Getting into mission position: This phase includes the launch, as well as the transfer to the Lagrange points. Both
spacecraft will be launched on board the same Falcon 9 Block 5 into a GTO orbit. After and inclination change and
perigee raise, OB2 will separate from the second stage of the launcher, and perform its escape trajectory burn at
perigee. OB1 will stay connected to the launcher and will be boosted to GEO. The launcher will then insert it into
the L1 manifold after which it will separate. Both OB1 and OB2 will perform injection burns, after which they can
start their mission. This will be explained in more detail in Chapter 8.

3. Mission: After insertion into the specific orbits, both spacecraft will perform their in-situ mission. OB1 will mainly
do in-situ measurements, while OB2 will mainly do remote sensing. This phase of the mission will last 5 years.

4. End-of-Life: The final phase of the mission is the end-of-life phase. It will move the spacecraft into an orbit that
cannot be harmful for any future missions.
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SUSTAINABLE DEVELOPMENT STRATEGY

For the SWAN project, it is important to incorporate environmental, economic and societal objectives into the project,
which will be discussed in Section 5.1. The sustainable development strategy discussed in this chapter will not only touch
on how the aforementioned objectives will be integrated into the final product, but also the phases of the design. This
will be assessed in Section 5.3 and Section 5.4, respectively. Finally, Section 5.5 will state some additional requirements
that follow from this sustainability analysis.

5.1. CRITERIA

To assess the sustainability of both the design process and the product itself a tool for analysing sustainable performance
will be described. This tool will integrate the core aspects of sustainability, they are: social, economic and environmental.
The various criteria are derived from Basiago [13] and Khan et al. [14]. The key criteria that make up these pillars are
defined below.

5.1.1. SOCIAL

The first pillar of sustainability is societal values. The social aspects of sustainability that are relevant to the SWAN mission
include the following:

1. Equity

2. Safety

3. Human health

'S

. Social-political acceptance

5. Impact on existing infrastructure

Criterion 1 aims to reduce the risk of social marginalisation. For the SWAN mission, this applies to the availability of
the data obtained. Criterion 2 regards safety, this is crucial throughout all phases of the mission, from development to
production to operation and to disposal. Criterion 3 exists to preserve human health by for instance improving working
conditions. Criterion 4 is important as social-political factors can adversely affect the mission, this risk becomes more
prevalent as the project’s impact is of global proportion. Criterion 5 assesses the project’s impact on pre-existing infras-
tructure.

5.1.2. ECONOMICAL

The second pillar of sustainability is made up of economic values, the relevant criteria include:

6. Reduce costs of similar endeavours in the future
7. Economic growth

8. Scientific development

The economic criteria are elaborated upon in the market analysis in Chapter 2. Criterion 6 is of interest as it aims to
reduce the cost of a future mission to L1, L5 or for solar weather observations. Criterion 7 pertains to economic growth
and describes how investing in this project will "trickle down". Criterion 8 regards the scientific objectives of the mission
which are also described in the top level requirements; the mission design itself will also contribute to the scientific
community.



5.1.3. ENVIRONMENTAL

The final pillar of sustainability regards the environmental impacts of the project; the main criteria to fulfil are:

9. Resource allocation
10. Effect on climate change
11. Impact on atmosphere
12. Eco-system preservation

13. Disposal

Criterion 9 is about the depletion of resources; one of the goals of sustainable development is to minimise the number
of resources used. Criterion 10 aims to describe the project’s effect on climate change, this is a topic is key in modern
society and should be considered throughout all stages of development. Building on criterion 10, criterion 11 considers
the effect on the atmosphere, something that is particularly relevant for launchers and the propellants used for them.
Next, criterion 12 regards the preservation of eco-systems, this stipulates that the impact on biological communities
should be minimised. In the context of the SWAN project, this should be considered when selecting locations for ground
stations. Finally, criterion 13 regards the disposal, this is particularly relevant to satellites used in during the mission. For
this criteria the ESA CleanSat' and EcoDesign” initiatives shall be adhered to.

5.2. WEIGHT ALLOCATION

For each of the criteria mentioned in Section 5.1 a weight must be allocated. The weights are on the scale: 3.3, 6.6 and
9.9. Determining the weight associated with a criteria is assessed on the basis of how driving the criterion is for the design
and the risk associated with neglecting this criterion.

Beginning with equity, a weight of 3.3 is given to it in spite of its importance, as this criterion is not driving the design.
Safety on the other hand imposes stringent requirements on the production phase of the mission and as such receives a
weight 0f 9.9. Human health is of utmost importance, however, the phases of the project where human health is at risk are
minimal, thus it is given a weight of 6.6. The final social criterion is social-political acceptance, it is important to take it
into account, however, in most instances it is not driving the design.The criterion for the impact on existing infrastructure
is provided with a weight of 6.6 as it is a key criteria for sustainability in general. Having to reduce the impact on existing
infrastructure can drive the design to some extent.

The economical criterion aimed at reducing the costs of future endeavours is allocated a weight of 9.9. The reason for
this is that this criterion, in part, also extends the longevity of the mission as subsequent mission can be design based
on preexisting knowledge and experience. Next, economic growth has a weight of 3.3 as it is not the core aim of mission,
however, at the very least the mission must be economically viable. The criteria targeted at scientific development is
provided with weight of 9.9 for similar reasons as reducing the cost of future endeavours.

For the environmental criteria many of the criteria are allocated a weight 0f 9.9, they include: resource allocation, effect on
climate change, impact on atmosphere and disposal. Reason for these these high weights is because the environmental
impact must be limited and EOL procedures are clearly prescribed by ESA’s CleanSat' and EcoDesign” guidelines. The
impact on the eco-system is given a lower weight as due to the nature of the mission the risk of this criterion not being
met is lower than for the aforementioned criteria.

5.3. ASSESSMENT

In the previous sections, several criteria of sustainability have been briefly addressed including the weights associated
with those criteria. These aspects will be incorporated into one tool to assess the sustainability of different aspects of the
design. For the trade-off in Chapter 3 a separate criterion called sustainability will be used to analyse the design options
on sustainability. This criterion then covers all the aspects given in Section 5.1. To get to a good basis for sustainability
every aspect is weighted, using the weights of Section 5.2 for the trade-off and the score of each aspect will be shown.
From this trade-off table in Table 5.1 the final sustainability score can be provided.
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Table 5.1: Sustainability trade-off criteria, total weights sum up to 100 %

Aspect Weight Poor (0.2) Marginal (0.4)  Sufficient (0.6) Good (0.8) Excellent (1.0)
[%]
Data available .
. Data available
. Data available  for every .
. Data available only . for every Data available for
Equity 3.3 . . only when cooperating
for highest bidder . company/gov-  everyone
paid for company/gov-
ernment
ernment
All standards are
No safety All safety met and additional
Safety 9.9 standards are - standards are - safety measures
adhered to met and contingencies
are taken
Human health is Either work Health Active
not considered environment - measures are
o . conditions for Efforts are made to
Human within the working  or external taken to .
6.6 . o employees and .. improve human
health environment and communities o mitigate
. communities . health
broader are negatively . potential
. are sufficient
communities affected health hazards
Social-
olitical Nationall
p 33 Locally accepted - Y - Globally accepted
accep- accepted
tance
Negatively
Impact effect on
on Negative effect on existing Limited effects  No effects on Effects on existing
existing 6.6 existing infrastructure on existing existing infrastructure are
infras- infrastructure are infrastructure infrastructure beneficial
tructure compensated
for
Reduce Reduce
Reduce
No resources development development costs
costs of . - .
.. available after - Within own costs for future  for future missions
similar . L. Nore-usability . . . .. .
design mission . institution the =~ missions and by making the
endeav- 9.9 . of design . .
. and experience resources can infrastructure design process free
ours in o . resources .
the within the project be re-used can be reused to the public and
future is not preserved within own infrastructure can
company be reused
L. The project is The economic
Eco- The project is not ProJ The return of S .
. - not . . The project is growth trickles
nomic 3.3 economically . investment is .
. economically profitable down to society at
growth viable Zero
profitable large
The methodology
of the mission, The product
Scien- product and end combines both The design
tific 9.9 result are pre-existing methodology and
develop- ’ conventional and technologies product are
ment based on and new innovative
pre-existing innovations
knowledge
.. Minimal resource
Minimal .
.. depletion and
Minimal resource iy
. . minimal
Re- High dependency e resource depletion and s
Utilisation of . . utilisation of
source on hazardous depletion and minimal
9.9 . hazardous .. hazardous
alloca- materials and . minimal hazardous .
. materials . materials, recycled
tion resources hazardous materials, .
. . materials are used
materials used  waste is .
and waste is
recycled
recycled
Minimum
Effect on Unchecked Check
. greenhouse No greenhouse
climate 9.9 greenhouse gas greenhouse CO2 neutral .
. .. gasses are gasses are emitted
change emission gas emission .
emitted
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Materials that are

Impact hazardous for the
Ozone
on Hazardous L atmosphere are
9.9 . - depletion is - o
atmo- materials are used mitieated not used within
sphere 8 the Earth’s
atmosphere
Eco- . -
Operations are Minimal . .
system . . . No disruptions to
6.6 damaging to the - disruptions to -
preser- eco-systems
. eco-system eco-systems
vation
Marginal - . . No debris left
. g Limited debris  No debris left . .
. Lot of debris debris left . . behind at disposal
Disposal 9.9 . . . left behind at behind at o
during disposal behind at . . and satellite is
. disposal disposal
disposal recycled

5.4. ANALYSIS OF PHASES

In this section, the sustainable development strategy is applied to the phases of the project and mission. For each of
these phases, the most relevant criteria from Table 5.1 will be touched on and in doing so provide a means of assessing
the sustainability of these phases. This will also help spawn requirements pertaining to sustainability.

CONCEPT EXPLORATION

During the concept exploration, already a lot of information should be analysed about the sustainability of the concept.
All the three pillars; social, economic and environment, should partly be analysed in the concept exploration. The social-
political acceptance should be analysed since the designer wants to know if the concept will be accepted by the public.
Next to that, the main economic driver for the concept exploration is the economic growth since it is important to know at
an early stage if the concept is economically viable or not. Lastly, the resource allocation is important to analyse already at
the concept exploration, since it determines what the resources are for the mission and if these have a possible negative
impact on the environment.

PRELIMINARY DESIGN

The preliminary design phase is a continuation of the conceptual design phase. During this part of the design, many of
the elements that make up the sustainability of the design will be further elaborated upon. The sustainability strategy
is of significant importance in this phase since it will impose requirements on the project. For the societal elements, it
is important to assess some of the geopolitical complexities that may impact the design. The economic elements are
important as requirements SYS-GEN-04 declares that the cost of the mission shall not exceed 800 MEuro. The market
analysis is also key in this phase to understand what the economic landscape is for the project. The scientific objectives
are also addressed in this phase. In addition to the resource allocation and effects on climate, it is also key to start making
efforts for disposal. During this phase, some options for the end of life shall be explored.

DETAILED DESIGN

In the detailed design phase, more emphasis will be made to quantify the impact of the latter stages of the project in
terms of sustainability. Furthermore, the design must meet the requirements for sustainability that were devised in the
preliminary design phase. It should also be noted that during this phase efforts should be made to organise the work
completed in such a way that it is readily reproducible with the goal of making future missions more easy to develop.

PRODUCTION

During the production phase, many of the environmental criteria become relevant. Resource allocation becomes im-
portant as a core ideal of sustainable development entails that minimal resources shall be depleted. This can mean that
where possible recycled materials are used and waste is recycled. Hazardous materials should not be used and much
(if not all) of the production process should occur on-site (or close to) to avoid unnecessary transportation of parts and
materials. Limiting transportation can also help reduce costs whilst also reducing one’s dependency on infrastructure,
thus yielding benefits in both the societal and economic domains.

LAUNCH

An important phase of the mission, albeit brief, is the launch. An important consideration to make during this phase is
the type of propellant used as this could adversely affect the atmosphere. Not only is it possible for hazardous materials
to be expended, these materials will be expelled at high altitudes increasing their damage potential. Furthermore, at this
stage of the mission, one should consider the re-usability of infrastructure for subsequent missions; this pertains to the
launcher itself and other systems required for launch.
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TRANSFER

For the transfer phase of the mission, it is important to utilise low-energy transfers that will require less propellant to be
carried on the spacecraft. This is phase is also an opportunity to prove the feasibility of new innovative technologies; for
instance solar sails, thus allowing the project to contribute to scientific development.

MISSION UTILISATION

The phase of mission utilisation is the longest phase of the mission. An obvious consideration for this phase is the type
of EPS system used on the spacecraft; solar cells are a good alternative to expendable fuels. It is also important to ensure
that the utilisation of ground station does not encroach upon ecological communities. Furthermore, the infrastructure
needed for the operation of the mission should be designed with future utilisation in mind. The data obtained from the
mission and used for the space weather warning system should aim to be distributed such that it does not marginalise
any groups.

END OF LIFE
The end of life disposal is an important part of the mission as it aims to preserve orbits for future use. The CleanSat' and
EcoDesign” initiatives from ESA are used as guidelines for this phase; it is crucial to remove the spacecraft from the L1

and L5 orbits once they have expired. Alternatively, one can consider the option of returning the spacecraft to Earth for
possible re-use of materials.

5.5. REQUIREMENTS

From Section 5.1, Section 5.3 and Section 5.4 requirements for the mission can be made. These requirements are shown
in Table 5.2. Note, that requirements SYS-GEN-04 and SYS-EOL-01 are derived from the top level system requirements.
Regardless, these requirements are relevant for the sustainable development strategy.

Table 5.2: Sustainability Requirements

Code Description Verification
Method
SYS-SUS-01 Space weather data shall be available to public Inspection
SYS-SUS-02 Safety guidelines shall be adhered to at all times Inspection
SYS-SUS-03 Risks to human health shall be omitted during all phases of the mission Inspection
SYS-GEN-04 The total cost of the project shall not exceed 800 MEuro Inspection
SYS-SUS-04 Usage of environmentally hazardous materials shall be minimised Inspection
SYS-SUS-05 The emission of green house gases during all phases of the mission shall be min-  Analysis
imised
SYS-EOL-01 The spacecraft shall be capable of performing an end of life manoeuvre Analysis
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6

PAYLOAD

The payload of the SWAN mission is customised to fulfil the goal of monitoring space weather and providing early and
accurate warnings of dangerous geomagnetic storms. For this, a complement of eight instruments (four in addition to the
instruments described in the midterm report [3]) will feature as part of the SWAN mission. These instruments are needed
to predict, detect, analyse and track the propagation of solar weather phenomena such as CMEs. The aim of this chapter
is to present a combination of instruments that are capable of providing the aforementioned services.

6.1. MONITORING OBJECTIVES

The SWAN mission is first-and-foremost a space weather observation mission, the mission combines data from two La-
grangian points (L1 and L5) to provide accurate and early warning of the most threatening solar weather phenomena. For
this mission to succeed one must identify the most hazardous threats from solar weather and establish thresholds upon
which to base a warning system.

6.1.1. SPACE WEATHER

The SWAN mission shall integrate a set of instruments that enable one to observe and predict the solar weather. Observa-
tions of key parameters of the solar wind and bulk plasma will be made. These include velocity, density and temperature.
The supersonic plasma that composes much of the solar wind is ever-present in interplanetary space; some statistics of
the key parameters and elements that make up the plasma bulk are provided by Moldwin [15] and can be seen in Table 6.1.

Table 6.1: Average properties of the solar wind and IMF at 1 AU [15]

Property Value Unit
Particle density 5 cm™3
Temperature 1.0 MK

Velocity 400 kms™!
Composition ~ 90% H*, 8% He?* and trace amounts of heavier particles [-]
IMF strength 10 nT

The solar wind is intrinsically anisotropic in terms of heat flow and chemical composition. This arises from the fact that
the mechanisms that govern the origin and acceleration of the solar wind are complex. Fluctuations in particle density
and composition can (in part) be attributed to coronal mass ejections (CMEs). CMEs are events that cause large masses
of energetic matter to be ejected into space. The magnetic field, velocity, density and temperature of the bulk plasma that
defines the CME are key characteristics that describe its interaction with the Earth. The ejecta of the CME is often referred
to as solar energetic particles (SEP). These consist primarily electron, protons, alpha particles and heavier elements (Z>4).
The energy ranges of the particles are dependent on the mass and velocity of the particle and range from a few keV to
hundreds of MeV. During periods of solar minimum, galactic cosmic rays (GCRs) are more prevalent. These particles can
achieve upwards of 90% of the speed of light although they are significantly lighter than most SEPs. The movement of the
particles that make up the bulk plasma is sporadic due to the presence of Alfvén waves in frozen magnetic fields'. The
waves are the result of forces acting on the magnetic field lines due to its interaction with energetic particles. As a result,
these particles oscillate with these Alfvén waves [16]. Moreover, the interplanetary magnetic field (IMF) interacts with the
magnetic field of the Earth which in turn affects the plasma environment in the upper atmosphere at auroral latitudes.

These are but a few of the many solar weather phenomena that are present in the interplanetary medium. Yet they are
amongst the most threatening to the Earth. For this reason, the instruments integrated into the SWAN mission will aim
to monitor the aforementioned phenomena and estimate the effects of solar weather on Earth in real-time. In regard to
CMEs, the fastest CMEs recorded by WIND were 1,940km/s [17]. As such the fastest moving CMEs after forming can reach
the Earth within 21 hours. Furthermore, form L1 a minimum warning time of 12 minutes can be achieved in the case of
fast moving CMEs. In order to give accurate warnings about the solar weather one must define thresholds for the various
phenomena, these thresholds will also determine the precision of the instrumentation.

Ipet
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6.1.2. THRESHOLDS

Although all instruments monitor the sun and environment for space weather, the in-situ measurements at L1 provide
the final concrete warning if an action has to be taken on Earth, however, certain thresholds have to be identified to base
this decision on and this depends on the type and energy of the particles detected. This is based on the NOAA scales for
space weather?.

Intense solar radiation storms are often accompanied by high energy particle flux that can pose a serious danger to astro-
nauts and passengers on high flying aircraft. Satellites may experience loss of data, single event upsets, loss of control of
star trackers and spacecraft, increase in noise levels and permanent damage to solar panels, which can be minimised if a
warning is available °. This occurs when >10 MeV proton and ion flux levels exceed 10* particle flux units (pfu) and when
>2 MeV electron flux levels exceed 103 pfu, which is categorised as an S4 level storm, occurring less than 3 times per solar

cycle. Note that pfu = particles-cm™2s™ !sr™1.

CME:s also cause severe geomagnetic storms on Earth, which are the cause of power grid malfunctions and blackouts,
transformer damage, pipeline currents in excess of hundreds of amps and disruption in high-frequency communication
for several days.” This is due to the Sun’s magnetic field carried by the CME, which interacts with the Earth’s magneto-
sphere, which in turn causes the Earth’s magnetic field to be compressed and re-connect allowing plasma to enter. Severe
CMEs with magnetic field strengths from 60 nT to a few hundred nT have adverse effects, especially if the interplanetary
magnetic field polarisation is southward. Thus the threshold for detecting a CME will be set at 60 nT (averaged over 3
hours) for the weakest CMEs, which is identified as a major magnetic storm according to the AA scale”[18, 19].

Effects of CMEs also include radio blackouts and on-ground communication failures up to a few hours, characterised
by an increase in X-ray flux from the CME. Severe radio blackouts occur at the X10 level” when X-ray flux exceeds 1073
Wm™!, or in extreme cases when it exceeds 2-10~3 Wm™! (X20 level), happening less than once every solar cycle.

All warnings for severe solar weather will be signalled when the L1 satellite measures characteristics that exceed thresh-
olds above and summarised in Table 6.2. Note that these are the warnings issued for "severe" or "extreme" geomagnetic
storms, a full scale of thresholds can be found on the NOAA website?.

Table 6.2: Thresholds for severe geomagnetic storms as described by NOAA”

Parameter Threshold

Electron flux >2.0 MeV 10° pfu
Proton flux and ion flux >10 MeV 10* pfu
IMF strength 60 nT

X-ray flux 1073 Wm™!

6.2. INSTRUMENT DESCRIPTION

In addition to monitoring space weather for events that may exceed the thresholds described in Section 6.1.2, the instru-
ments must observe solar activity with the aim of predicting the formation CMEs and improving models that forecast
space weather. Much of the data provided by the instruments on the SWAN mission will provide data that will aid in
validating models and better the quality of the prediction giving increased warning time. In order to provide the required
validation data, the precision of the instruments must exceed that required by the thresholds.

This section provides an overview of all the instruments that are integrated into the SWAN mission. Descriptions and
justifications of each instrument are provided in addition to its specifications and function as part of the monitoring
system.

6.2.1. GENERAL CONFIGURATION

The instruments necessary for the SWAN mission will be distributed between the two satellites, this distribution was em-
ployed as a means to reduce the cost of the mission. Distributing the instruments was done by assessing each instrument
and determining at which location (L1 or L5) it would operate most optimally. At L1, the in-situ instruments have the
highest priority, as they will measure the severity of the CME propagating towards Earth. These instruments will provide
the concrete warning whether or not action has to be taken on Earth to protect infrastructure. Therefore, the magne-
tometer, X-ray sensor, Faraday cup and SEP monitor have the highest priority. Contrary to this, the L5 measurements
prioritise remote sensing, as they will view the Sun from the advancing side, where activity in this region already affects
and might affect Earth when this side rotates facing Earth, thereby gaining an increased warning time if activity predicts
a catastrophic CME. The L5 point furthermore has an optimal vantage point for viewing the CME’s propagation through
interstellar space towards Earth, and so the coronagraph, magnetograph, heliospheric imager and the EUV imager have
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the highest priority here. For accurate utilisation of the coronagraph two are required as together they provide 3D images
of CMEs, as such a coronagraph is also equipped to the L1 satellite. Furthermore, in an effort to improve the availability
of validation data and because the budget allowed for it, both an x-ray sensor and magnetometer are equipped on the L5
satellite. The final distribution of instruments can be seen in Table 6.3. Furthermore, how the instruments are integrated
into the spacecraft and subsequently interface with the other subsystems ca be seen in the hardware/software diagrams
in Chapter 14.

Table 6.3: Instrument distribution amongst the L1 and L5 satellites

Instrument L1 L5

Magnetograph X
EUV imager
Coronagraph

Heliospheric imager
X-ray sensor
SEP monitor
Faraday cup

Magnetometer

»
MMM X

LT I ]

6.2.2. MAGNETOGRAPH

Firstly, to predict the CME, the surface of the Sun has to be studied for instabilities in the Corona and complex magnetic
topologies, which is the source of space weather [20]. A magnetograph is a remote sensing instrument that measures the
shift in the polarisation of sunlight, which is directly coupled to the magnetic field strength on the corona, allowing for
the visualisation of the disturbances and re-connections of the coronal magnetic field and thus providing an indication
that a CME might occur. A vector magnetograph will be used that is able to determine the orientation and magnitude
of the field. In addition to the requirements described in the midterm report [3], some detail will be provided on the
assessments of the required spectral absorption line and polarisation modes for magnetic field measurements.

SPECTRAL LINE SENSITIVITY

The magnetograph is capable of measuring the magnetic fields of the Sun by observing the Zeeman splitting and linear
polarisation of certain spectral lines. One must consider that the sensitivity of certain spectral lines to the presence of
magnetic field vary, some lines are insensitive to magnetic fields and instead exhibit transition due to mass motions of
large temperature gradients. As such for the purpose of magnetic field measurements, one would ideally utilise a spectral
line that is highly sensitive to the presence of magnetic field and insensitive to velocity and temperature. However, all
spectral lines are sensitive to velocity and temperature to a certain degree, thus one must carefully select a spectral line
to operate with.

Since the SWAN magnetograph will be capable of measuring the magnetic field vector on the surface of the sun it must
measure the Stokes- Q, U and V polarisation parameters. These parameters are necessary to describe the magnetic field
vector: Q is the intensity difference between horizontal and vertical linearly polarised parameters, U is the intensity
difference between linearly polarised components of +45° and V is the intensity difference between right and left-handed
circular polarisation parameters. Note that the Stokes I parameter is omitted as it is not required for the determination of
the magnetic field strength [21].

To measure the polarisation due to the Zeeman splitting a spectral line must be chosen that is sensitive to this polarisa-
tion. Tests from Solana et al. [22] performed with Stokes V noted that the weak and strong magnetic field regimes yielded
a response that was proportional to geiA2. Where ge¢ which is a g-factor (Landé) that describes the magnetic moment of
a single electron and is specific to a spectral line; A? is the wavelength of the spectral line [23]. Also from Solana et al. [22]
a table can be obtained that presents a set of visible and infrared lines that are used in magnetograph imaging, the data
collected in this table was received from missions that operate spectrographs and polarimeters, such as SOHO and SDO.
From this data, a preference can be made for infrared wavelengths, as they are larger, and the Fe I spectral line as it has a
larger effective Landé factor.

In addition to being sensitive to magnetic fields, one must also consider a spectral line that is insensitive to other param-
eters. For this, we can once more refer to the results from Solana et al. [22]. In their report, they analysed the responses of
spectral lines to velocity, temperature and magnetic field strength. They did so by examining so-called response functions
that express the atmospheric perturbations to the Stokes profiles, as defined in Collados et al. [24]. The response function
from Solana et al. [22] are:
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Equation (6.1) is the response function for the for the Stokes I to the line of sight (LOS) velocity perturbation. One can see
that there is a dependency on the wavelength, 1y, yet Solana et al. [22] reported that there is a greater dependence on the

shape ratlo % (* denotes the Stokes I shape ratio). This shape ratio is defined a the spectral line depth over the line width.
This area ratlo is greatest for Fe I with a wavelength of 630.25 nm, thus this spectral line is most sensitive to velocity.

0A,  O0By[T(t)=1)]
R/T,LOS = BT X — oar (6.2)

Similarly, Equation (6.2) shows the response function of the Stokes I parameter to perturbations in the temperature. Here
Ay is the continuum intensity; noteworthy is that Solana et al. [22] found that this response function is proportional to
Bj, which is the Planck function. The derivative of the Planck function with respect to the temperature decreases with 1,
thus Fe 1 630.25 nm will be most sensitive.

-1/2 A(I)/ 2
Ry 05 = ¢~ gerr 6.3)
1

Finally, Equation (6.3) is the response function of the Stokes V parameter to perturbation in the magnetic field strength.
As expected the geA? is prominent in this equation due to its dependence on the Zeeman effect. Also, the shape ratio j—“’;
(V denotes the Stokes V shape ratio) is present in this function. Larger wavelengths are more sensitive to perturbations éf
the magnetic field, such is the case with the FE I 1564.8 nm spectral line. It should be noted that Solana et al. [22] made a
distinction between the weak and strong field regimes, for the strong regime larger wavelengths are preferred, yet for the
weak regime, both long and short waves are applicable. Regardless, from the response functions provided by Solana et al.
[22] one can conclude that the Fe I 1564.8 nm spectral line is most optimal as it is sensitive to magnetic field perturbations
and relatively insensitive to velocity and temperature perturbations.

Since the magnetograph is equipped with an etalon it is capable of measuring different narrow band wavelengths, this
enables the instrument to measure the magnetic field strength at different wavelengths that may be more sensitive to
other parameters. This allows one to improve the precision of the instrument as data obtained at smaller (noisier) wave-
lengths can be used to remove noise from the larger wavelength data. It is recommended that research is conducted into
the feasibility of this type of data handling for the magnetograph.

CROSSTALK

Since vector magnetographs must measure the polarisation of the Stokes-Q, U and V parameters there is the risk of
crosstalk. As described by Spirock [22], crosstalk is defined as the contamination of the Stokes-Q and/or U images by
Stokes V images. If crosstalk is present in the solar magnetograph then the Stokes-Q and U images will exhibit features of
longitudinal magnetic fields that are present in the Stokes V images. The contamination is witnessed in the Stokes-Q and
U images since the longitudinal magnetic fields are much stronger than the transverse magnetic fields. In Spirock [22] a
method for determining which features are cross talk is suggested, it requires one to examine the correlation between the
Stokes-V & Q and Stokes-V & U, which in the case of crosstalk will contain a degree of overlap. An example of crosstalk can
be seen in Figure 6.1, in this image contours, indicate areas where the magnetic field strength exceeds 20 G in the Stokes-V
parameter image, these contours are then plotted in the Stokes-Q image to highlight features present due to crosstalk. It
should be noted that the amount of crosstalk in this image is exceptionally high, in the order of 42%; typical values are in
the order of 5% [22].

Figure 6.1: An example of cross talk: Stokes-V parameter (longitudinal magnetogram) left and Stokes-Q parameter(transverse magnetogram) right [22]
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The SWAN magnetograph shall be corrected for crosstalk to minimise the effects of Stokes-V contamination in the Stokes-
Q and U images. This is done by applying a linear best fit to the Stokes-V & Q and Stokes-V & U scatter plots, resulting
in the average amount of crosstalk present which is then removed from the Stokes-Q and U image. However, due to the
nature of the line best fit method, not all the effects of crosstalk is removed.

SPECIFICATIONS

In Table 6.4 the specifications of the SWAN magnetograph are provided. Most of these specifications are derived from
the requirements for the magnetograph described in the midterm report [3]. Some amendments to those requirements
include the dynamic range of the system which is +4,096 nT. This range based on the range necessary to reliably measure
sunspot regions. A study from Norton et al. [25] using data from SDO, concluded that active regions on the surface of
the sun exhibit peak magnetic field strengths up to 4,000 G. These active regions are typically associated with sunspots
which display temporal fluctuations in magnetic field strength. Norton et al. [25] reported that active region can fluctuate
up to 94 G/yr, this imposes a pixel depth requirement that is large enough to measure these fluctuations. For the SWAN
magnetograph bit depth is 12-bits this results in a resolution of 2 nT which is sufficient to measure the fluctuations in
magnetic field strength.

Table 6.4: Magnetograph specifications

Parameter Value Unit
Resolution 1 arcseconds
FoV 31.1 arcminutes
Cadence 1 minutes
CCD screen resolution  2014x2048 -

Spectral line Fel -

Wave length 156.5 A
Bits/pixel 12 -

Dynamic range +4,096 nT
Dimensions 30x40x120 cm?®

6.2.3. EUV IMAGER

The magnetograph provides the earliest data on the possible formation of CME’s by examining the magnetic field of
the sun. The EUV imager, on the other hand, can image the corona, normally not possible in the visible spectrum as
the photosphere’s brightness obscures the corona. This allows for the visualisation of the intricate magnetic structures
that are responsible for the violent eruptions when a CME occurs as the plasma trapped in the field lines radiate in the
EUV spectrum. The EUV imager, in tandem with the magnetograph, will provide data on the formation of solar weather
phenomena on the surface of the sun. Although the addition of the EUV imager to the SWAN mission might not improve
the warning time of the monitoring system, the instrument will provide data that will improve the accuracy of warnings
and validation models for space weather forecasting. The inclusion of the EUV imager on OB2 arises from the fact that
the western hemisphere of the Sun is more relevant for remote sensing.

SPECIFICATIONS

The specification of the EUV imager are listed in Table 6.5. To properly view these structures, the instrument will image the
sun at a wavelength of 17.1 nm (Fe-IX emission band) as this is near the soft X-ray region, where additional structures are
visible and as this band is most common as well. with an angular resolution of at most 3 arcseconds [26]. Therefore, with
aresolution of 1024 pixels, it will have a field of view of 50 arcminutes, which is sufficient to view the corona where these
anomalies occur. With a cadence of 1 minute (sufficient for viewing CME eruptions[26]) and 7 bits/pixel, the data rate
becomes 125 kbps. From reference missions [27], its cost is 15 mln Euros, has a volume of 26x12x12 cm? and also operates
near room temperature like the X-ray sensor, consuming 12W and weighing 10kg([26, 28, 29]. With the magnetograph,
this instrument can provide a more detailed and qualitative analysis of these structures, allowing for better models and
predictions to be made.

6.2.4. CORONAGRAPH

Furthermore, to detect the CME in its initial phase, the outer corona needs to be imaged, as this is the first region it
will pass through. For this, a coronagraph will be used, which captures sunlight that has been Thomson-scattered off
of free electrons in the K-corona plasma while blocking out the direct sunlight (much brighter, which would otherwise
obscure the CME) with an occulter and eliminating the resultant diffraction patterns with a series of correction lenses
[30], thus the CME’s structure and size can be seen. It does this by superimposing 4 exposures of 4 seconds and then
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Table 6.5: EUV Imager specifications

Parameter Value Unit
Resolution [26] 3 arcsecond
FoV 50 arcminute
Cadence [26] 1 minutes
Bits/pixel 7 -

Spectral band 17.1 nm

Dynamic range 128 -

subtracting the background noise. These images are then used to determine the size, velocity and impact time on Earth,
and are often also used as initial conditions for models to predict its impact time and severity on Earth. The inclusion
of the coronagraph on both OB1 and OB2 is the result of the coronagraph operating more efficiently at the Lagrangian
points than coronagraphs that would operate from LEO [30]. The coronagraphs placed at the L1 and L5 points attain a
240° coverage of the Sun’s corona, this enables one to capture a 3D images of phenomena in the Sun’s corona, including
CME’s. This data is important for monitoring the space weather as the coronagraph provides the initial condition to the
solar events that influence the solar weather on Earth.

SPECIFICATIONS

For optimal operation of the coronagraph the instrument must meet the requirements described in the midterm report
[3]. These requirements translate to instrument specifications that are summarised in Table 6.6.

Table 6.6: Coronagraph specifications

Parameter Value Unit
Resolution 53 arcseconds
FoV 15.07 degrees
Cadence 12 minutes
CCD screen resolution 1024x1024 -

Bits/pixel 12 -

Spectral band 400-900 nm
Dimensions 70x30x30 cm?

6.2.5. HELIOSPHERIC IMAGER

Once a CME is detected by the coronagraph and EUV imager and it has traversed the corona, SWAN will track its prop-
agation through interplanetary space to Earth using a heliospheric imager. The heliospheric imager works on the same
principle as a coronagraph, however, the scattered light is about 2 orders of magnitude smaller than the K-corona and
other planets. So to capture the CME, careful stray light rejection using baffle system (to limit diffraction) and long ex-
posures of up to 20 minutes are needed. To do this, 30 times 40-second exposures are summed to increase the signal to
noise ratio, and post-processing of the data is further needed to subtract the averaged background light, finally revealing
the CME. This instrument is used to better predict its impact and for model validation.

The heliospheric imager is integrated into the OB2 satellite because its position at L5 provides it with a unique vantage
point that oversees space between the Sun and Earth. This view allows the heliospheric imager to track the CME as it
propagates through space. In addition to tracking CME’s the heliospheric imager is also capable of capturing the solar
wind, this is ideal for predicting the effects of solar weather on Earth. Due to the long exposures necessary for the instru-
ment data from the heliospheric imager will be updated every 20 minutes, thus models that monitor and predict the solar
weather will also be updated with this frequency.

SPECIFICATIONS

The specifications for the heliospheric imager are presented in Table 6.7. The specifications for the heliospheric imager
are derived from the requirements for the instrument that are explained in the midterm report [3].

6.2.6. X-RAY SENSOR

The in-situ instruments will provide the warning to Earth if a CME can potentially cause damage to Earth’s infrastructure.
Many spacecraft with a similar mission to SWAN (GOES, SOHO and SDOI27, 31]) also incorporate an X-ray sensor to help
gain a better understanding of the dynamics in the corona and get an advanced warning time of catastrophic CMEs. The
X-ray sensor simply measures the total flux of X-rays coming from the sun, as it has been found that about 20 min before
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Table 6.7: Heliospheric imager specifications

Parameter Value  Unit
Resolution 3.52 arcminutes
FoV 60 degrees
Cadence 20 minutes
Bits/pixel 16 -

Spectralband 500-700 nm

a CME occurs, there is a spike in X-ray flux between 0.1 - 0.8nm and that there is a correlation between the intensity of
this spike and the CME’s velocity[32, 33], thus providing a better prediction in combination with the other remote sensing
instruments. The x-ray sensor will provide early and accurate warnings for CME’s and is equipped to both OB1 and OB2.
The reason for this is because OBI1 is then capable of detecting CME’s that are ejected into the path of the Earth, whereas
OB2 can detect CME’s ejected from the western hemisphere of the Sun. Note that the measurements made by the x-ray
sensor are crucial as high x-ray fluxes can exceed the thresholds prescribed by NOAA (see Section 6.1.2) and thus warrant
warnings.

SPECIFICATIONS

Due to the fact that the x-ray is a new inclusion to the SWAN mission since the midterm report the most important spec-
ifications of the x-ray sensor shall be mentioned here. A complete list of the specifications can also be seen in Table 6.8.
It needs a cadence of maximum 1 minute, as these spikes usually last this long [32, 33]. The instrument itself is small,
weighing just 2kg, having a power consumption of 1W and a data generation of 2 kbps [34]. It has dimensions of 10x10x8
cm?, operates near room temperature and costs 7 mln Euros[27, 34]. To properly measure the X-ray flux, it has to view the
sun (32 arcminutes at 1AU) plus 5 arcminutes on each side [34], and a margin of 13 arcminutes on each side for pointing
accuracy. This yields a total field of view of 68 arcminutes and a pointing accuracy of 13 arcminutes. Lastly, the sensor
is also sensitive to incoming electrons, therefore a magnet of strength 0.08 T is placed in front of the aperture, to deflect
electrons with energies up to 5 keV.

Table 6.8: X-ray sensor specifications

Parameter Value Unit

FoV 68 arcminutes
Spectral band 1-8 A
Dimensions 10x10x8 cm?

6.2.7. FARADAY CUP

The next in-situ instrument is the Faraday cup. This system is integrated into the OB1 satellite and will provide data on
the key parameters of the solar wind and bulk plasma; the parameters include velocity, density and temperature. These
parameters are important for validating models that predict effects of solar weather on Earth. The data from the Faraday
cup will provide input values for solar weather models which allow for accurate estimations of the solar wind and solar
events.

The Faraday cup consists of a circular sensor plate, that is divided into 3 sectors, and a set of wire mesh grids. In short, the
velocity distribution is measured by recording the current that is induced by ions, with a particular energy range, on the
sensor plate. Some advantages of the Faraday cup system include it being impervious to contamination due to radiation
and photons. Also due to the Faraday cups high angle of acceptance of 60°, it is able to measure large velocities, this is a
useful trait since CME’s are capable of reaching speeds of 2,000 km/s at L1 [15][16]. Furthermore, the high cadence (3 s)
of the system allows for accurate recording of the anisotropies of the solar wind and CME’s [35].

OPERATION

As mentioned previously, the Faraday cup consists of a collector plate and a set of wired-mesh grids. Two of these grids
make up the modulator and are provided with a high voltage 200 Hz DC-biased square-wave. One of the grids is provided
a voltage of V; and the other a voltage of V,, with V; < E/q < V. Here E is the energy of the particle and q is the energy
of one electron. The modulator grids ensure that particles with an energy between 0.2 keV/e to 20 keV/e are able to
impinge on the sensor plate; this range is chosen as it encompasses the majority of the particles that make up the bulk
plasma [16]. It should be noted that an added advantage of the Faraday cup system is that the modulation voltages V;
and V; are variable thus the key parameters of higher/lower energy particles can also be measured. Another grid is used
to deflect photoelectrons due to sunlight away from the sensor plate; this grid is negatively DC-biased. Lastly, before the
particles reach the sensor plate, they encounter the suppressor plate. This plate functions to reduce losses due to the
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back-scattering of electrons in addition to preventing secondary electrons from escaping the aperture [35]. The particles
that make it through the modulator are then detected on the sensor plate. The current induced by these particles is then
converted to a digital signal by means of an analogue-to-digital converter [36].

When measuring the velocity distribution there is a dependency on the angle at which the particle hits the detector. Due
to the nature of the sensor, it is only capable of measuring the component of the velocity that is normal to the surface of
the sensor. This means that if particles are entering the Faraday cup at a large incidence angle then the normal component
will be smaller, hence it can be modulated by a lower V; and V, window. By altering the modulation window the velocity
distribution can be obtained [36]. The data that is obtained from each operating window can also be used to estimate
the temperature and density of the plasma. The measurements result in a plot that shows the induced current against
the incidence angle. Where the modulation window is coupled with the velocity, the temperature can be obtained by
assessing the width of the peak in the plot and the density can be ascertained from the total induced current [36].

The fact that the OB1 spacecraft is three-axis stabilised poses a challenge for the Faraday cup as it cannot use rotational
motion to scan the solar wind and determine the 3D properties. This issue is solved by using a sensor plate that is divided
into three sectors, the 3D distribution is then related to the ratios of the current induces on each of the three sectors. This
design is similar to the design for the Triana Faraday cup [35]. Furthermore, since the instrument must continuously be
pointed towards the Sun it must endure harsh thermal environments. In an effort to allow the system to operate within
these thermal conditions the system feature a reflective heat shield, akin to the Triana Faraday cup [35].

SPECIFICATIONS

The specifications of the Faraday cup system are presented in Table 6.9. The design of the SWAN Faraday cup is based
on the design of the Triana Faraday cup system [36]. This system has already been proven in conditions similar to that
of the SWAN mission. The system is favoured for its real-time measurements indicated by the cadence (3 s), and its high
precision with is being capable of an angular resolution of 3° by 3°. In Table 6.9 the velocity-, density- and temperature
range are all capable of measuring the most extreme solar storms and CMEs [15] [16]. The Faraday cup makes up one half
of the solar wind monitoring system, the other component is the SEP monitor which will be discussed next.

Table 6.9: Faraday cup specifications

Parameter Value Unit
FoV (in ecliptic-plane) 45 °

FoV (out of ecliptic-plane) 15 °
Acceptance angle +60 °
Angular resolution 3x3 °
Cadence 30 s
Energy range 0.2-20 keVv
Velocity range 200-2,000 kms™!
Density range 0.1-100.0 particles-cm™3
Temperature range <4.0 MK
Dimensions D15x9 cm3

6.2.8. SEP MONITOR

The second part of the solar wind monitor focuses on the threats of solar energetic particles (SEP’s). As mentioned in
Section 6.1.1 SEP’s are a potential hazard for Earth infrastructure as high fluxes can cause permanent damage to the
instrumentation and onboard computers of satellites. Contrary to what the name suggests, the SEP monitor not only
measures solar radiation, in the advent that galactic cosmic rays (GCR’s) are more prevalent than SEP’s the instrument
will measure the flux associated with GCR’s. The SWAN SEP monitor will make a distinction between electrons and ions,
the latter includes protons, alpha particles and heavier ions (Z>4).

SPECIFICATIONS

In Table 6.10 the specifications of the SEP monitor are presented. The SEP monitor instrument consists of two apertures
that fulfil the tasks of measuring electrons and ions. The architecture of the SEP monitor is based on ESA’s next-generation
radiation monitor [37]. The electron detector consists of an aluminium housing that contains a collimator. The opening
in the aluminium housing is composed of a circular cone-like shape that decreases in diameter near the collimator. The
rate at which cone hollows out determines the energy range of the electrons that are able to reach the collimator. In this
case the energy range spans from 0.8 MeV to 7.0 MeV [37]. The system operates in two channels: 0.8 - 2.0 MeV ad 2.0 - 7.0
MeV. These ranges are chosen such that they coincide with the thresholds in Section 6.1.2.

As for the ion detector is a cylindrical aperture made from copper and aluminium, that is divided by degraders and diodes.
Ions with sufficient energy can bypass the diodes and be detected. The ion detector has three bins: 10 - 100 MeV, 100 -
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200 MeV and >200 MeV. Again these bins coincide with the thresholds in Section 6.1.2 [37]. The data measured by the SEP
monitor will be compared with the thresholds and in the case that the fluxes are exceeded a warning will be sent. This
concludes the discussion of the instruments that make up the solar wind monitoring system.

Table 6.10: SEP monitor specifications

Parameter Value Unit
Electron energy range (dual channel) 0.8-2.0 MeV
20-7.0 MeV

Ion energy range (triple channel) 10-100 MeV
100-200 MeV

>200 MeV

Dimensions 10x10x10 cm3

6.2.9. FLUXGATE MAGNETOMETER

The final instrument, the triaxial fluxgate magnetometer of which there are two, are integrated into both OB1 and OB2.
The magnetometer is capable of measuring the interplanetary magnetic field (IMF) vector. These measurements are
important since the direction and magnitude of the IMF can determine how it will interact with the magnetosphere of
the Earth. The instrument itself consists of three orthogonal electromagnets. A sense coil is constructed around each of
the electromagnets and is able to measure changes in the magnetic field of the magnet due to the IME These changes are
coupled with IMF vector.

MAGNETIC CLEANLINESS

A subject regarding the magnetometer not fully elaborated upon in the midterm [3] is magnetic cleanliness. The presence
of onboard magnetic fields imposes constraints on the design as the noise generated by stray fields will create noise in the
measurements of the magnetometer. While the effect of constant fields can be removed through calibration, time-varying
stray fields can cause problems for the system. In an effort to mitigate the effect of time-varying stray fields a so-called
"magnetic cleanliness program" will be implemented in the detailed design phase.

Firstly, the magnetometers shall be mounted on a boom. The length of this boom is 6.13 m. This length is a preliminary
estimate that is based on an empirical relation between the magnetometer accuracy and boom length of spacecraft that
operate two magnetometers. The data for this relation is obtained through OSCAR? Mounting the magnetometer suite
on a boom allows the instrument to be positioned away from the spacecraft body and the stray fields that exist there.
The magnetometer suite includes two magnetometers, one is mounted at the end of the boom and the other at the half-
way point of the boom. Dual magnetometers improve the accuracy of the system since the enable one to discern the
magnetic field produced by the spacecraft from the ambient field. This works in the following way: Since the spacecraft-
generated magnetic field decreases with distance there is a spatial gradient between the magnetometer sensors. The
ambient magnetic field measured by the two magnetometers can be assumed to be equal since its spatial gradient is
negligible over the length of the boom. Therefore each magnetometer measures the same ambient magnetic field, yet a
different magnetic field produced by the spacecraft; as such these two magnetic fields can be separated allowing for more
accurate measurements. In this case, the use of two magnetometers allows for a smaller boom. Another advantage of
having dual magnetometers is that it allows for monitoring variations of the spacecraft induced magnetic field. Lastly,
having two magnetometers provides redundancy for the measurements, something that has been used in past missions
[38].

However, using this method to solve for the stray fields and then remove it from the measurements requires that the stray
fields are larger than the noise. In Carter et al. [39] two methods are described that deal utilise dual magnetometers: aver-
aging and gradiometry. Gradiometry involves measuring both the IMF and the stray field with two magnetometers; then
one can simply remove the stray fields from the measurements. Whereas averaging simply averages the measurements
of both magnetometers. Carter et al. [39] tested these methods for the GOES-R mission and found that gradiometry is
more effective than averaging when the stray fields are twice as large as the noise, else averaging provides more accurate
results. These conditions will also apply to the SWAN mission, as such both the averaging and gradiometry methods will
be available.

Furthermore, Carter et al. [39] go on to say that one can improve the averaging method by modelling the sources of
the stray fields, the effect of these fields can then be removed from the data. To do this one requires algorithms that
characterise the stray fields caused by other subsystems. Carter et al. [39] also provide three algorithms for the solar
arrays, reaction wheels and thrusters, such models will also be used in the SWAN mission. Selection of these algorithms
will be conducted in the detailed design phase.
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As part of the magnetic cleanliness program, it is also necessary to devise a magnetic field budget of all the subsystems
on the spacecraft. Doing so will allow one to model the effects of the static stray fields and gain a better indication of the
length necessary for the boom. Furthermore, in the case that the magnetic field budget exceeds the limits measurements
can be taken to reduce its impact. These include but are not limited to: preventing the coiling of cables as this will induce
stray magnetic fields and ensuring that all components that induce magnetic fields are not pointed in the same direction,
as this would amplify the effect.

SPECIFICATIONS

The specification of the SWAN magnetometers are shown in Table 6.11. The specifications for the instrument are base on
the requirements for the device that are described in the midterm report [3]. This concludes the list of instruments that
are integrated into the SWAN mission.

Table 6.11: Magnetometer specifications

Parameter Value Unit
Dynamic range +204.8 nT
Digital resolution (12-bit) 0.1 nT
Zero level drift 0.5 nTyr !
Cadence 0.1 s
Boom length 6.13 m
Dimensions 20x10x5 cm?

6.3. INSTRUMENT PROTECTION

A challenge for the SWAN mission is that both spacecraft are three-axis stabilised. This means that Sun facing instruments
will be continuously exposed to solar radiation. This results in harsh thermal environments that the instruments must
operate in. In addition, there is also the likelihood of charged particles interacting with the instruments such as lenses or
detector plates. These interactions can cause erroneous measurements and in some cases impact the electronics. Such
events are increasingly likely in the case of a CME, as such measures must be taken to protect the instrumentation against
these hazards.

For the optical instruments, doors are equipped that can be deployed. This protects the lenses and baffles from charged
particles that can interface with them. To prevent this and charged particles from contaminating in-situ measurements
magnets can be used. These magnets can prevent electrons from entering the aperture of the instruments. Such magnets
are used in the SEP monitor to prevent electrons from contaminating the measurements [37]. In the case of OB, since
it is equipped with a particle detector (SEP monitor), it can anticipate the increase of charged particle fluxes. Electrons
are often a precursor for heavier ions, thus if the SEP monitor detects an increase in electron flux the operator can decide
to close the door that covers the coronagraph aperture. Such measures prevent the remote sensing instruments from
operating, however, in-situ instruments are still capable of measuring during these instances. This shields the instrument
from charged radiation. Unfortunately, OB2 is not equipped with a particle detector, as such this preventative measure
cannot be undertaken.

Electrons are of particular concern as the can induce deep dielectric (DD) charging [40]. Although DD charging is more a
concern for spacecraft in the magnetosphere of the Earth, a CME can also yield large fluxes of electrons and protons.

DEEP DIELECTRIC CHARGING

DD charging occurs when charged particles interact with the spacecraft and induce charges on the internal components.
Alternatively, the notion of internal charging applies to the case where charge accumulates on the surface of the space-
craft, these surfaces can subsequently conduct electric fields on components within the spacecraft [41]. When the charge
is building up the likelihood of a spontaneous discharge increases. This discharge can be instigated by the penetration of
a single charged particles that impacts the dielectric. The triggering mechanism for the discharge can often be attributed
to the solar minimum phase where GCR’s are more prevalent.

There are various parameters that influence the occurrence of discharge events, these are described by Lai et al. [41]. First,
there is the energy of the incoming particle, this along with the thickness of the material and material type determine
how what particles can penetrate it. Another crucial parameter is the fluence, that is th