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Abstract

Interest in powered flight on Mars has been growing in recent years, and as such new devel-
opments are being made in determining the effects the Martian atmosphere has on the flow
physics and performance, specifically with regards to similarity parameters: the Reynolds
number and the Mach number. Studies have been conducted for low Reynolds numbers in
the past, and have shown that conventional airfoils exhibit non-linearity in performance due
to vortex development and the formation of a laminar separation bubble. Mach number ef-
fects have been seen to have a stabilizing effect on the separated shear-layer and have a
detrimental impact on this behavior. This paper aimed to investigate whether transonic effects
could increase attached flow while improving aerodynamic performance due to the presence
of a smeared shock. 2-D URANS simulations of a NACA-0012-34 airfoil were conducted with
a SST k-w, y-intermittency model. The results find that an expansion fan delays separation,
while the smeared shock weakens the adverse pressure gradient; this reduces the impact
of the shock on the drag-coefficient, similar to a shock control bump; the result is a minute
increase in the lift-to-drag performance. The development of coherent structures within the
separated shear-layer have also been seen to be impacted due to the stabilizing effect of
compressibility on the Kelvin-Helmholtz instability.
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1 Introduction

The concept of powered flight on Mars has been a topic of research and inquiry for some
time [10, 19, 40]. However, in recent years there has been an increased interest in the topic,
mainly with regards to small, drone-like vehicles [2, 17, 51]. Flight on Mars offers a key benefit
that the conventional Martian rover lacks, and that is the ability to quickly survey land [2].
The atmosphere of Mars is vastly different compared to that of Earth: the density is about
1.5% of the latter’s; the atmosphere is composed primarily of carbon dioxide, and the average
temperature is around 210K [22, 55].

With these key differences, a few inferences can be made about the Reynolds and Mach
numbers. A reduction in density already indicates that the Reynolds number will be lower
than the value expected on Earth, assuming the rest of the flow conditions remain constant;
this ignores the fact that the sea level dynamic viscosity of Mars’ Carbon Dioxide based atmo-
sphere will be noticeably lower than when compared to Earth’s: from 1.789 x 10" Nsm™2 to
1.289x 107> N s m™2 [44, 55, 58]. In general, if a standard airfoil with a one-meter chord length
traveling at 20 m/s were considered on both planets; the one on earth would have a Reynolds
number of 1.37 x 10° while the one on Mars would have a Reynolds number of 2.32 x 10%.

Another key point of interest is that due to the lower density, the lift generated by an airfoil on
Mars, assuming a constant velocity, is around 60 times lower than that generated on Earth;
though this is in part counteracted by the lower gravity on Mars. The velocity will need to
increase by 500% in order to maintain the same lift-to-weight ratio as on earth. The increase
in velocity coincides directly with an increase in Mach number; this is compounded with the
change in atmospheric composition: a lower gas constant; 189Jkg_1 K~ on Mars compared
to 287Jkg_1 K~! on Earth; a lower heat capacity ratio; y = 1.289 compared to y = 1.4; and a
lower temperature; T = 214 K compared to 288 K. This results in an overall decrease in the
speed of sound, a = 220m s~ at sea level on Mars, to a ~ 340 m s~ at sea level on Earth.

As a result of these effects, fixed-wing and rotor aircraft on Mars are designed with Mach
numbers anywhere from M = 0.45 to 0.7 for Reynolds numbers ranging from Re = 1 x 103 to
1x10%[2, 10, 17, 19, 40, 51]. A wind tunnel was built in order to model the atmosphere of Mars
and determine the Reynolds and Mach number effects under those atmospheric conditions
[5, 6]. The wind tunnel provides excellent insight into low Reynolds number, compressible
flows, but is limited at a maximum Mach number (M =~ 0.8) with a subsequently narrow range
of Reynolds numbers.



2 1. Introduction

The limitations of the Mar Wind Tunnel bring us to the aim of this paper, which is to investigate
transonic flight on Mars; specifically how shock wave boundary-interactions behave at the low
Reynolds numbers typical for Mars. As such this paper delves into shock-wave boundary-layer
interactions, and the impact of non-dimensional numbers: primarily the Mach and Reynolds
number; as such, a review of boundary layer theory, specifically with regards to Reynolds and
Mach effects will be briefly reviewed prior to discussing them specifically in the circumstances
of the low Reynolds compressible flight regimes one would expect on Mars.

1.1. Research Questions & Outline

The following questions are posed as the aim and goals of this research; the background for
how these questions were formulated will be presented after the literature portion of this paper.

1. Given the atmosphere composition of Mars, can the introduction of
a shock wave improve aerodynamic (L/D) performance by induc-
ing a delay in separation and/or earlier transition of the laminar
boundary layer?

(a) What are the relevant Reynolds & Mach number effects at the atmospheric condi-
tions on Mars?

i. How does a change in either the Reynolds or Mach number affect the interac-
tion between the shock wave and the boundary-layer?

ii. How does a change in either the Reynolds or Mach number impact boundary-
layer separation?

iii. How does a change in either the Reynolds or Mach number influence the sta-
bility of the boundary-layer?

The outline of this paper is as follows: An introduction to relevant non-dimensional effects on
Earth as they are known conventionally, which will then proceed into a discussion on their
behavior within the sea-level atmospheric conditions on Mars; a second chapter will discuss
the formulation of the aforementioned research questions, and provide more context into how
they were developed; the next chapters will discuss the specifics of the methodology, com-
prised of the defining the necessary parameters, the software and computation method, and
the validation of the method; finally, the results will be presented, in a similar fashion to those
of similar papers, with an emphasis on the relevant non-dimensional effects, and how they
shape a general understanding of transonic flight on Mars.



2 Investigation into Martian Aerodynamics

Only recently has there been development into trying to realize the conditions of Mars through
the means of experimental development; in 2010, Anyoiji et al [5] published a paper detailing
their development of a Mars wind tunnel (MWT). The paper detailed that the design criteria
used for conventional aircraft are not applicable to Mars, due to the atmospheric conditions,
and more importantly, due to the low Reynolds numbers and high Mach numbers necessary
to generate enough lift. Despite the dearth of open literature on the topic of Martian flight, what
is available describes an inherently strong interaction between viscous effects and compress-
ibility effects [5, 39, 55, 56].

2.1. The Reynolds Number & Boundary Layer Parameters

The introduction presented the key differences between the atmospheres of Earth and Mars,
primarily with regards to non-dimensional numbers. To be more specific, the Reynolds num-
bers on Mars are smaller by a factor of 60 compared to Reynolds numbers on Earth. This is
significant because the vast majority of airfoils are intended for Reynolds numbers around Re
=1 x 10° [15]. Consequentially. as Re decreases, performance drastically decreases as a
result [15, 66]. The reasoning behind why is well understood: Re has an effect on boundary
layer behavior, and in fact is dominant in how it affects transition [62].

pUgcC
u

Re =

(2.1)

The Reynolds number effectively describes the ratio of inertial forces to the viscous forces
in a given flow (Equation 2.1) [28] , and from this understanding, along with the relationship
between the shear stress and the boundary layer velocity gradient. A decrease in Re results in
a relative increase in viscous forces; the boundary-layer thickness is proportional to viscosity,
and thus results in a shallower velocity gradient. A decrease in Re results in an increase in
the skin friction coefficient, Cr [28].

5*—foo<1 Py >d 2.2)
0 Pl Y .

A decrease in Reynolds number results in an increase in the boundary layer thickness and
the displacement thickness, §*; the displacement thickness describes the necessary increase
in airfoil thickness to have an equivalent inviscid mass flow. Effectively, the displacement
thickness describes the mass flow detriment due to viscosity [28], as described analytically in
Equation 2.2.
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H—Jm 7 (1-2L)a 2.3

Similarly enough, the momentum thickness, 6, describes the momentum detriment due to
viscosity in the form of a thickness (Equation 2.3). The ratio between the displacement and
momentum thickness defines the shape factor, H, which is a non-dimensional parameter that
describes the shape of the velocity distribution within the boundary layer [28], as seen in Figure
2.1. The displacement thickness and momentum thickness, through the shape factor, along
with the skin friction coefficient, contribute to the Von Karman momentum integral relation
(Equation 2.4) [62].

G _d8 (H+2)du,

2 _dx+ u, dx

(2.4)

An important part of the shape factor is how it eloquently and concisely conveys the behavior
of the boundary-layer; one can quickly see where transition and separation of the shear-layer
occurs [50]. The shape factor can indicate whether a boundary-layer is laminar (H = 2.7) or
turbulent (H = 1.3). Additionally, one can relate the shape factor and Re in order to predict
where transition occurs; a decrease in the shape factor is indicative of transition an attached
boundary layer [21]. Flow transition is not predicted to occur when Re is below the critical
Reynolds number, which in turn aids delaying transition and thus reattachment, if it occurs
[28].

Lo
l B

wa | highH .7
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: /}w H
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x -
=
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E
Figure 2.1: Shape Factor [62]

Flow separation is a boundary layer phenomenon that can occur due to excessive momentum
loss near the wall in a boundary layer as the flow attempts to continue downstream against
increasing pressure, often described as an adverse pressure gradient [62]; this is opposed to
a decreasing pressure, which is referred to as a favorable pressure gradient [62]. The shape
factor is important in helping understand when boundary layer separation occurs; a laminar
boundary layer is predicted to separate around a shape factor of H = 4, while a turbulent
boundary layer is expected to detach around a shape factor of H = 2.7 [47]. The pressure dis-
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tribution over an airfoil is generally defined by the curvature of that airfoil, increasing curvature
results in higher super-velocities and thus a favorable pressure gradient, while a divergent
curvature results in an adverse pressure gradient for subsonic Mach numbers [62]. Laminar
separation and turbulent separation can be predicted, both utilizing different formulations and
estimations by Stratford [60]. The pressure distribution is also affected by a change in Re;
a decrease in Re coincides with a decrease in the magnitude of the suction peak due to a
change in effective curvature as a result of the increased displacement thickness [11].

P P

Adverse
pressure
gradient

SI bR EE

Fluid
element

Reversed flow

Figure 2.2: Separated flow induced by an adverse pressure gradient. [28]

The adverse pressure gradient can result in periodic instabilities, such as two-dimensional
Tollmien-Schlichting (TS) waves, which are the first of the instabilities that appear in laminar
flow [62]. The instabilities in a flow can be caused by numerous parameters: the surface
roughness, the turbulence present in the free-stream, the onset of an adverse pressure gradi-
ent, and the heating of a fluid by the surface [28], vibration, sound, free-stream disturbances
and more [57, 62]. These instabilities can result in the separated laminar shear-layer to un-
dergo transition. Transition can be described as the point where instabilities in the flow rapidly
grow; the steps in transition are complicated and have overlapping dependencies; though
in general there is some initial growth of nearly two-dimensional Tollmien-Schlichting waves,
which are the first of the instabilities that appear in laminar flow [62]. The Tollmien-Schlichting
waves grow, and eventually become three-dimensional. As a result, several forms of unstable
vortices occur within regions of high localized shear stress; they are longitudinally stretched,
and start to break down into smaller units, at which intense local changes occur randomly.
Eventually, this results in a fully turbulent flow [62]. The entire process is artistically visualized
in Figure 2.3.
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Figure 2.3: Idealized boundary layer transition over a flat plate [30, 62]

There is a critical Reynolds number, Re.,., at which the reference length, x., is the point in
which natural transition occurs. The value of Re., is difficult to predict, as such, a general
rule of thumb is that the value is around 5 x 10°; any boundary-layer with a Reynolds number
considerably lower than this value will likely remain laminar [28]. Transition can still occur at
low Reynolds numbers, as other causes of instabilities can still have a substantial impact; as
Re decreases, however, the critical Reynolds number demands a larger shape factor before
instabilities occur in a significant enough manner [62] (Figure 2.4).

A decrease in the shape factor is indicative of transition for an attached boundary-layer, the
transition point of a separated shear layer remains hard to find [21], though a decrease in
shape factor still illustrates (Figure 2.5) that transition of the separated shear layer does still
occur [31]. The transition process can lead to vortex shedding [69]; vortex shedding is an
unsteady periodic pattern of vortex development where the upper and lower surface of a body
develops a vortex in an alternating fashion, an example of this is called a Ka&rman vortex street
and is typically observed for flow over a cylinder [28]. This flow phenomenon occurs due to
coherent structures developing in the wake of the airfoil. The development of these structures
is suggested to be due to the Kelvin-Helmholtz instability in the separated shear layer, while
other studies suggest it is due to the transition process [69]. The frequency at which the
vortex sheds is dependent on Re, and at the conditions considered in this paper (Re = 1 x 10*
to 1 x 10°), would result in Strouhal numbers of around S, = 0.21 S, = 0.14 [43, 69].
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Figure 2.4: Correlation between shape factor and transition Reynolds number [62]

Given a Reynolds number where at which the laminar boundary-layer separates prior to tran-
sition, the instability of the separated shear layer can result in the transition and subsequent
reattachment of the separated laminar shear layer; this can result in the formation of a laminar
separation bubble (Figure 2.6). First observed by Jones [27] in 1934, A laminar separation
bubble is a temporary region of reversed flow, that is formed when the laminar boundary layer
separates prior to transition, and then reattaches [62]. Reattachment occurs when the turbu-
lent boundary layer has enough momentum to resist the adverse pressure gradient. A flow
separates due to an adverse pressure gradient, in which the flow momentum can no longer
overcome the pressure differential, and thus a region of reverse flow occurs. Reattachment
occurs when the flow either regains enough momentum, or the pressure gradient becomes
more favorable, to the point where the flow can reattach again. Typically this is a result of
transition [28], but can be induced by a strong shock interaction as well [62]. The formation of
a laminar separation bubble is ideal when compared to the alternative of a separated shear
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layer that fails to reattach, as the increased attached flow is positive for both lift and drag

performance [50, 60].
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The shape and thickness of an airfoil have a substantial relationship with Re: for conventional
Reynolds numbers, a lower thickness would produce greater suction peaks at higher angles
of attack due to the increase in curvature at the leading edge; this would thus result in earlier
separation compared to a thicker airfoil at high angles of attack. At lower angles of attack,
the opposite is true; as the curvature of thicker airfoils produces a larger suction peak. This
behavior is amplified for lower Reynolds numbers, where the boundary-layer is more prone to
separation given an adverse pressure gradient. Due to this, in some cases, a flat plate can
perform better than a conventional airfoil, such as a NACA 0012 [66] (Figure 2.7).
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2.1.1. Effect of Low Reynolds Numbers

Winslow et al. [66] have compiled low Reynolds number experimental results for a NACA 0012
airfoil, such as those by Ohtake et al. [42], and have shown that the aerodynamic performance
at low Reynolds numbers exhibits unique non-linear behavior. At conventional Reynolds hum-
bers, the lift curve slope would remain linear, up until high angles of attack where it will round-
off due to stall; however, the lift polars at low Reynolds numbers illustrate a different scenario
(Figure 2.8). As can be seen, there is a substantial change in the shape of the lift curve,
especially as Re decreases further.
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Figure 2.8: Lift coefficient comparison of CFD predictions for NACA 0012 between Reynolds numbers of 104 and
105. (Experimental data from Ohtake et al. [42].)[66]

The lift curve of the NACA 0012 airfoil exhibits a noticeable non-linearity, or shift in the slope
of the lift curve; the cause of this non-linearity in the lift curve is due to how the separation
and laminar-to-turbulent transition behave at lower Reynolds numbers. When Re decreases,
transition is delayed further and further downstream, this can be explained by Figure 2.4. As
mentioned before, laminar separation typically occurs around H = 4 [47]. As Re decreases,
the critical and transition Reynolds numbers occur at higher shape factors, thus indicating that
separation is increasingly more likely to occur prior to transition; this results in laminar sepa-
ration, with transition occurring downstream. The transition point occurs further and further aft
as Re decreases. The separation and transition points begin to move upstream as the angle
of attack increases, resulting in a substantial separation.
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(Adapted from [5])

Transition in the separated shear layer plays part in vortex development at lower Reynolds
numbers [69]. The final stages of transition, described by a rapid flow breakdown to turbu-
lence (illustrated in Figure 2.3) are associated with non-linear interactions [69]; at this stage
of transition, coherent structures begin to form [69], whereas Watmuff [64] suggests these are
associated with the Kelvin-Helmholtz instability [69]. There is still debate whether these struc-
tures persist into the attached turbulent boundary layer, or break down in the reattachment
region [69]. Villegas & Diez [61] aimed to expand upon the relationship between wake vortex
shedding and aerodynamic force fluctuations for a low Reynolds number wing; an illustration
of this can be seen in Figure 2.11. Yarusevych et al. [69] suggest that the development of
coherent structures in the wake of some airfoil at lower Reynolds numbers is of interest, as it
affects the airfoil performance, along with governing flow around downstream objects, which
could produce undesirable structural vibrations and noise generation. The coherence and
the length scale of the wake vortices are diminished significantly due to the formation of the
separation bubble [69].

a) Re=4.9x10° b) Re = 1.1 X10* ¢) Re=4.1X10"

Figure 2.10: Reynolds number effect on flow behavior at low Reynolds numbers (Adapted from [5])

The formation of a laminar separation bubble is delayed until higher angles of attack as Re
decreases due to the increased stability of the boundary- and shear-layers. This results in
elongated bubbles due to the increased or 'excessive’ amount of laminar flow. In this case,
excessive laminar flow is used to describe the subsequent aft movement of the transition
point, resulting in a delayed formation of a laminar separation bubble to higher angles of at-
tack; this reduces the amount of attached flow due to the increased amount of trailing edge
separation, which progresses further as the angle of attack continues to increase prior to the
formation of the separation bubble. Therefore, any further reduction in Re would see the transi-
tion point move further downstream, and inhibit reattachment. These elongated bubbles have
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their reattachment point further downstream and are delayed until higher angles of attack as
Re decreases, and provide less of a lift enhancement compared to a smaller bubble, or, ide-
ally, a fully attached boundary-layer. As the angle of attack increases, the laminar separation
bubble begins to move upstream and contract in size, this is due to the increasingly adverse
pressure gradient expediting separation and transition. Figure 2.10 illustrates the effect of the
Reynolds numbers on the transition point, and the formation of the laminar separation bubble.
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Figure 2.11: Sketch showing the force-vortex relationship for one shedding cycle. [61]

2.1.2. Effect of Differing Atmospheric Compositions

The discussion on low Reynolds numbers up until now has been primarily discussing what is
seen at low Reynolds numbers on Earth. This means that the Mach numbers are substantially
smaller than for an equivalent Reynolds number on Mars, and that the atmospheric composi-
tion is Air instead of CO,. The effect of this atmospheric change was investigated by Anyoji
et al. [5]. The Reynolds numbers discussed considered ranged from Re =1 x 103 to 1 x 10°,
with Mach numbers considered ranging from M = 0.2 to 0.61 [6]. Anyoji et al. [5] developed a
Mars wind tunnel in order to investigate Reynolds and Mach number effects for various airfoils;
they considered two geometries for their investigation into Martian flight, both with a 50 mm
chord length: a flat plate, and a NACA 0012-34 airfoil. The NACA 0012-34 airfoil is a modified
NACA 0012 airfoil with a smaller radius at the leading edge. The purpose of the reduction in
leading-edge radius was to lessen the leading edge separation at low angles of attack due to
the effects of bluntness.



2.1. The Reynolds Number & Boundary Layer Parameters 13

]
0.8 |- R S S - : _
i i i ?,&‘b i 038 =
- " B 'y B
06 - St 0.6 =
i I._' 5’
0.4 . *.‘ ------- . 0.4 _ . .
” | » f| W Air mode é"ﬁo’. B Air mode
02 H o “ 0 CO2mode N 0.2 ; - 0 co2mode |-
> 0 —re=3ox10' | 7 |l —eRe=39x 10° |
+— Re=1.1x 10" b 4 Re=1.1x 10’
0.2 i +—Re=40x 107 1 -0.2 oo +—Re=40x% 107 -
04 1' —5—Re=13.8x '”f | 04 =: -G--Re=38x uu: |
. ca-Re=1.1x 10" . --a--Re=1.1x 10
—0.6 : - &—Re=49% 107 -0.6 » - e—Re=49x 100 ]
i . . .
-0 -5 0 5 10 15 20 25 0 005 010 015 020 0.25 030 035
o [deg] C,
a) Lift curve b) Drag polar

Figure 2.12: Effects of specific heat ratio on aerodynamic characteristics of the NACA 0012-34 for a constant
Mach number (M = 0.20). [5]

The effect of the two different atmospheric modes, Air and CO,, on aerodynamic performance
is shown in Figure 2.12. The behavior of the Reynolds number in a Martian atmosphere
appears to be consistent with what is known for Earth; this brings to the topic of atmospheric
composition to the forefront, more specifically in how the predominantly Carbon Dioxide based
atmosphere on Mars affects the behavior of the airfoil within the same Mach and Reynolds
number conditions of that on Earth. The specific heat ratio, y of CO, and air were considered
to determine the effect of the atmospheric composition on aerodynamic performance. Only a
slight difference was found, specifically in the post-stall angle of attacks, and a shift from an
atmosphere composed of air to CO,, had little effect on the force measurements [5, 39]. With
this, it is clear that the Reynolds number effects experienced on Earth also apply to Mars in
a non-dimensional sense. This is not to say that the gaseous composition of the atmosphere
does not matter; the specific heat ratio and specific gas constant of Mars are lower than Earth’s,
which results in a lower speed of sound, and thus increased Mach numbers.
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2.2. Mach Number Effect on Boundary- & Shear-Layer Behavior

The Mach number is where the differences between Earth and Mars begins to diverge sub-
stantially when considering a similar range of Reynolds numbers at a constant chord length on
either of the two planets, with up until the high subsonic to low transonic Mach numbers being
feasible for the discussed Reynolds numbers of Re = 1 x 103 to 1 x 10°. The Mach number is
also affected by the atmospheric composition of Mars, as the speed of sound is reduced due
to a decrease in temperature, specific heat ratio, and the specific gas constant (Equation 2.5).

a =+/yRT (2.5)

The Mach number has a substantial impact on the behavior of the boundary-layer. when con-
sidering compressibility, the assumptions of a constant viscosity, density, and heat transfer
coefficient within the boundary layer no longer remain valid [62]. The skin friction coefficient
changes due to a now present temperature distribution in the boundary layer, which in turn has
an effect on the velocity gradient; additionally, the temperature distribution impacts the viscos-
ity through Sutherland’s law [62]. The effects of compressibility can also be seen through the
isentropic flow relations, and their effect on pressure, density, and temperature. The varying
density would in turn impact the displacement and momentum thickness’, which would impact
the development of the external flow velocity. For a compressible laminar boundary-layer on
an adiabatic wall, The momentum integral equation takes the form seen in Equation 2.6 [50].

dé 4 6 du,
dx u, dx

(2+H-M?) =% (2.6)

Transition is a primary point of interest for low Reynolds numbers, as discussed previously
in Section 2.1.1. The specifics of the Mach numbers effect on stability theory is complicated;
in simple terms, compressibility impacts the stability of the boundary-layer by removing heat
from the boundary layer; which results in increased stability [50]. A study conducted on two-
dimensional low Reynolds compressible flows around a cylinder has seen that an increase
in Mach number results in lower shedding amplitudes and Strouhal numbers, though the
Reynolds numbers studied lay between Re = 20 & Re = 100 [14]. The Mach number, or
to be more precise, compressibility, has been seen to have a noticeable impact on the Kelvin-
Helmholtz instability; it has been shown that the introduction of compressibility results in a
suppression of the Kelvin-Helmholtz instability due to the dynamics of the pressure-vorticity
interaction [29]. For incompressible Mach numbers, the Kelvin-Helmholtz instability is dom-
inated by the dissipation of clockwise vortices, and the enhancement and merging of two
counter-clockwise vortices, which begin to roll-up rapidly around the pivot point [29]; for com-
pressible Mach numbers, vortex reversal occurs instead, with no roll-up, and thus prevent the
positive feedback essential for mixing [29].
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C
P (2.7)

N

There is an additional impact on the pressure distribution; the methods to account for this
impact are known as compressibility corrections [28]. The Prandtl-Glauert correction (Equation
2.7) states that if the incompressible pressure distribution is known, then the compressible

Cp =

pressure distribution for the same airfoil can be determined [28]. The same correction applies
to the lift and moment coefficients. This correction under-predicts the experimental data, and
there are other compressibility corrections as well [28]. The benefits of an increase in Mach
number due to compressibility effects are limited to low to high subsonic Mach numbers [3, 12,
52]. The predicted increase in C; begins to reverse once M approached M,,;¢; an example
is shown in Figure 2.13; this is due to the formation of a shock-wave, and the subsequent
separation of the boundary layer due to the strong adverse pressure gradient [62].
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Figure 2.13: Lift coefficient at each angle of attack at various Mach numbers at Re = 6 x 10° for a NASA LS-0013
Airfoil at an angle of attack of a = 4 deg [52]
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2.2.1. Mach Number Effects on Martian Aerodynamics

As the Reynolds number effects are consistent on Earth and Mars, the only key similarity
parameter remaining is the Mach number, as most low Reynolds numbers are considered
for flight on Earth, only Mach numbers below M = 0.3 are considered [5, 15, 55]. There is a
general trend that is seen in other analyzes of low Reynolds number effects: an initial trailing
edge separation, vortex development, the formation of a separation bubble, and then eventual
leading-edge stall; these are predominately impacted by the delay in transition. The Mach
number’s effect on boundary-layer stability was discussed in Section 2.2, and is seen to have
a stabilizing effect on the boundary-layer.
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Figure 2.14: (Upper) Pressure distribution of the NACA 0012-34 at a) M = 0.48, and b) M = 0.61. [5]

This is corroborated by Anyoji et al. [5], who tested three Mach numbers at a constant
Reynolds number (Re = 1.1 x 10*): M = 0.2, 0.48 and 0.61 (Figure 2.15). The initial lift curve
slope of each condition does not have any significant deviation from one another, however
at higher angles of attack, around a = 7 deg, a noticeable difference occurs: the lower Mach
numbers result in a higher maximum lift coefficient, and as a result, a better lift-to-drag per-
formance. This is quite different from the typical results predicted by the Prandtl-Glauert rule,
which expects lift coefficients to increase due to compressibility [62]. These results indicate
that the Prandtl-Glauert rule does not remain valid for low Reynolds numbers; this is said to be
due to the interaction between compressibility and viscosity, which becomes more pronounced
at lower Reynolds numbers. This can be seen by comparing the upper surface pressure dis-
tributions at M = 0.48 and M = 0.61 (Figure 2.14). The magnitude of the suction peak is
depressed due to an increase in M; this is only true for the NACA 0012-34 airfoil, as the flat
plate does not elicit the same trend.

Prior to « = 7 deg, the variation in C;, is insignificant for all the considered Mach numbers, and it
follows the same non-linear lift curve. This occurs until C; suddenly increases around an 7 deg
angle of attack for M = 0.20; this is similar to the Re effect on the transition process, and can be



2.2. Mach Number Effect on Boundary- & Shear-Layer Behavior 17

attributed to the delayed and aft formation of the laminar separation bubble due to increased
boundary-layer stability delaying transition as a result of the increase in Mach number [5, 6].
The increase in boundary-layer stability is noticeable, albeit small, as the decrease in the
magnitude of the suction peak impacts the severity of the adverse pressure gradient. This
remains the case until the formation of the laminar separation bubble at a higher angle of
attack. The Mach number effects on separation, transition, and reattachment locations at
various angles of attack for a NACA 0012-34 airfoil can be seen in Figure 2.16. An increase in
M is seen to delay transition and reattachment of the shear-layer; which subsequently results
in further elongation of the laminar separation bubble (M = 0.48), or prevents any formation
at all (M = 0.61). An illustration of this is shown in Figure 2.17. The reasoning for why the
maximum lift coefficient decreases as M increases is then due to the delay in transition and its
subsequent effect on the separation bubble forming resulting in a reduction of attached flow.
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Figure 2.15: Effects of the Mach number on aerodynamic characteristics of the NACA 0012-34 for a constant
Reynolds number (Re = 1.1 x 10*). [6]
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Figure 2.17: Mach effect on the formation of a separation bubble at low Reynolds numbers (M = 0.21, 0.48, 0.61)
(Adapted from [5])

The conclusions presented by Anyoiji et al. [5] were then corroborated by Suwa et al. [56],
who utilized the Mars wind tunnel to conduct experiments on a flat plate and a triangular
airfoil in order to ascertain the effects of compressibility at low Reynolds numbers (Figure
2.18). Prior to this study, there was little analysis into how compressibility effects compare at
different Reynolds numbers considered representative of Mars (Re =1 x 103 to 1 x 10°). They
determined the Mach number effects do not vary greatly across the two Reynolds numbers
considered: Re =3 x 103 and Re = 1 x 10*. Figure 2.18shows that the Re and its effects on
C,: the aforementioned kink-point in the lift curve moves to a greater angle of attack as Re
decreases. In contrast, the Mach effects do not vary substantially between the two Reynolds
numbers: the lower Mach number maintains a lower maximum lift coefficient due to the delay
in transition being detrimental to bubble formation.

The experiments conducted by Suwa et al. [56] on the triangular airfoil and their results were
then utilized by Munday et al. [39] in direct comparison to their direct numerical simulations
(DNS) on the triangular airfoil. Their results are presented in Figure 2.19; as can be seen, a
large deviation in the lift and drag polars occurs after the kink point in the lift curve, with some
deviation beforehand as well; this is noted to be a result of the flow in the wind tunnel being
under the influence of the test-section walls, while the flow described by DNS is span-wise
periodic. The aim of their paper was not to match those results, but to be able to correlate the
onset of non-linear lift with the flow physics that occurs for compressible flows at low-Reynolds
numbers [39].
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Figure 2.18: Lift coefficient results of force measurements of a triangular airfoil for Re = 10,000 & Re = 3,000 [56]
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Figure 2.19: Lift and drag coefficients from simulations and experiments. The idealized lift slope CL = 2w« is also
shown (dashed line). [39]

The results obtained from DNS at the low Mach condition (M., = 0.15) compare fairly well with
the MWT results; there is the discussed deviation in magnitude, but the shape of the lift and
drag polar match. The kink point, denoted as the angle in which the lift curve slope suddenly
changes [39], is consistent for both data-sets at « = 8 deg. Munday et al. [39] describe that the
kink point coincides with the movement of the separation point moving from the airfoils apex
to the leading edge. The nonlinear lift increase is said to be caused by additional vortical lift
due to a roll-up of the leading edge vortex sheet.

While the low-Mach number (M, = 0.15) data-sets appear to compare well with regards to the
general shape of the curve, the higher-Mach number condition (M., = 0.5) seems to be less
agreeable, albeit still somewhat comparable ( Figure 2.19). The DNS results present a clear
kink point at 11 degrees, while the time-averaged results obtained from the MWT show a slight
nonlinear change at 10 degrees. This difference for both the low and high Mach conditions
at angles above the kink point, is explained by the wake behavior, such as reattachment; it is
said to be a result of the difference in the span-wise flow conditions between the two data sets.
The time-averaged pressure profiles are obtained at the mid-span for the MWT, and span-wise
averaged for the DNS, additionally, the thick boundary layer formed on the sidewall forces the
flow to be pushed inwards towards the mid-span, altering the behavior of the separated flow
in that region [39].

Munday et al. [39] indicate that a large discrepancy exists in the results between their re-
sults, and those found experimentally through the MWT [56], along with those that utilize two-
dimensional unsteady Reynolds averaged Navier-Stokes simulations (URANS) [68]. Various
numerical studies have been conducted on a NACA 0012 airfoil, utilizing URANS models, and
have found that the models can capture the characteristics of dynamic stall quite well, such as
leading-edge vortices, hysteresis, and secondary vortices in the down-stroke [63]. The issue
remains in that dynamic stall is inherently a 3-D phenomenon [54, 63], that requires exper-
imental measurements to be taken to ensure a 2-D flow at the mid-span of the airfoil [63].
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Spentzos et al. [54] have conducted a CFD analysis of 2-D and 3-D dynamic stall, and have
found a noticeable increase in aerodynamic performance for the 3-D case (Figure 2.20).

The potential impact of this discrepancy is minuscule when considering the aim of this paper:
for one, the experimental and numerical references both agree, though Munday et al. [39]
argue that the Mars Wind Tunnel is narrow, and thus acts as a pseudo-2-D setup. One of the
numerical studies, conducted by Yang & Agarwal [68], state their surprise when discussing the
DNS results, though do not go into further detail about their thoughts and opinions. More im-
portantly, however, the purpose of this paper is to ascertain whether there is a relative change
or shift in performance due to transonic effects, compared to the high subsonic cases. In this
case, as long as the impact of 3-D compared to 2-D results is a simple scaling increase, then
one could argue that the relative shift will remain present. In either case, this is something that
should be researched further.
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Figure 2.20: Comparison between 2-D and 3-D simulation results for the lift, drag, and quarter-chord moment
coefficient of two cases. [54]
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2.3. Current Limitations & Knowledge Gap

The wind tunnel construction began in 2007, and is quite small, with a cross-section of 100 mm
by 150 mm; additionally, they worked under the assumption that Carbon Dioxide can be solely
utilized to model Mars’ atmosphere. The wind tunnel allows for a Reynolds range of 2.6 x 103
to 1.3 x 10°, with a maximum allowable Mach number of 0.84. The Mars Wind Tunnel has two
operational modes: Air and CO,. For each of these two Modes, there exists an operational
envelope; shown in Figure 2.21for Air, and Figure 2.22 for CO,.
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Figure 2.21: Operation Range of the MWT (Air) [56] operational envelope of the MWT [6]

The wind tunnel has a distinct limitation: the operational range of Reynolds numbers de-
creases as M decreases, until M = 0.84; this does not allow for any substantial experimental
analysis of transonic flight on Mars. Whether this necessitates, or encourages, the develop-
ment of another Mars wind tunnel is another question. In any case, the lack of experimental
studies on transonic flight on Mars is accompanied by a lack of numerical studies as well; de-
spite this, there is some literature discussing transonic flight at low Reynolds numbers; primar-
ily focusing on the shock-wave boundary-layer interactions at these conditions; this literature
is presented in Section 2.4.1. Before we look into the effects of transonic flight and shock-wave
boundary-layer interactions; the two key non-dimensional numbers and their subsequent ef-
fects will be discussed: one in a conventional sense, and then further into the specifics with
regards to Martian flight.

Transonic flight on Mars may immediately seem out of the range of feasibility, but numerous
examples show that there may be a need for it in the future. Ares [10] was a fixed-wing design
for Mars with a design operational range of M = 0.62 to 0.71 at a Reynolds number of about
1 x 10°. The AME (Airplane for Mars Exploration) [19] utilized a non-air breathing propulsion
system, and was designed to reach high subsonic Mach numbers. The aircraft was tested on
Earth at 29 km at Mach 0.8 before disintegrating. There is also the consideration of helicopters
on Mars[51] that currently have tip Mach numbers of around M = 0.45, along with Ingenuity
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[2], which is designed with tip speeds just below Mach 0.7. There is a strong likelihood that
helicopters on Mars could scale up further, and thus experience higher tip speeds as well.

2.4. Transonic Aerodynamics & Shock-Waves

Transonic flow is defined as a domain in which there are three subdomains: subsonic, sonic,
and super-sonic; these are illustrated in Figure 2.23. Transonic flow introduces shock waves,
which result in the termination of supersonic flow; this sudden change in flow velocity results
in a sudden adverse pressure gradient which can affect flow separation and transition, which
can result in increased drag (i.e wave drag), shock stall and unsteady effects such as shock
oscillations i.e buffeting [62].

Primarily, when defining the lower bound of where transonic flight occurs, the critical Mach
number, M., ;, is used; it is defined as the Mach number where at the highest local Mach
number on the airfoil is at or above the sonic condition (M = 1). This point is important as there
is a dramatic increase in drag beyond this point [28, 62]; the drag divergence Mach number
is defined as a Mach number beyond M..,;;, in which there is an exponential increase in drag
[28]. Defining the drag divergence Mach number is arbitrary, and multiple definitions have
been used; one method it to determine the point at which dC;/dM = 0.10 [62]. An example
of this is shown in Figure 2.24, where an increase in the zero-lift drag coefficient for a NACA
0012 airfoil can be seen. The increase in C, as a result of wave drag and the subsequent
decrease in lift-coefficient past M_,.;; results in a decrease in lift-to-drag performance [12, 52].
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Figure 2.23: Three main stages in the boundary layer physics due to an increasing angle of attack at low
Reynolds numbers [5]
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The pressure distribution over the airfoil will also be impacted due to the presence of local
supersonic Mach numbers. For a subsonic regime, an adverse pressure gradient forms at
divergent geometry relative to the angle of attack at which the airfoil is angled; this does not
occur for regions where M is locally supersonic. In these conditions, a divergent geometry
will result in expansion fans (Figure 2.25), and thus will increase the super-velocities over the
wing, and result in a decrease in the pressure coefficient, or in other terms, this expansion fan
will delay the suction peak aft until just before the shock-wave occurs [7].

The presence of a weak normal shock, or re-compression shock, is in the design condition
of many high-subsonic aircraft [62]. Shock waves on non-lifting bodies are avoided in order
to produce wave drag, and separation of the boundary layer on the foot of a shock wave.
For a lifting body, (i.e an airfoil) this is not generally the case. A flow crossing a shock wave
can cause the following effects: a sudden drop inflow velocity, a sudden increase in pressure,
an increase in the flow temperature, and a rise in entropy [18]. An example of the resulting
adverse pressure gradient as a result of a shock-wave can be seen in Figure 2.26, which
presents the pressure distribution of a NACA 0012 airfoil at M = 0.80.
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Figure 2.24: Comparison of drag at zero lift for the NACA 0012 airfoil. [33]



24 2. Investigation into Martian Aerodynamics

The characteristics that describe the boundary-layer, such as the velocity profile and the over-
all boundary-layer thickness, have a substantial impact on the shock-wave boundary-layer
interaction; given that both determine the location of the sonic line within the boundary-layer.
The sonic line is the wall distance at which the velocity within the boundary-layer is greater than
the speed of sound, or M = 1. Within the subsonic region, information can travel upstream,
and thus impact the flow there as well; a larger subsonic region will result in an increased
upstream influence length [7]. Additionally, the strength of the shock can result in different
interactions; in general, there are two interactions a shock wave can have on a flow: a weak
interaction, and a strong interaction [62].
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Figure 2.25: SBLI on transonic wing. [7]
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Figure 2.26: Pressure distributions on the NACA 0012 airfoil at M = 0.80 and a = 1 deg. [33]
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2.4.1. Transonic Aerodynamics on Mars

Analyzes of transonic flow at low Reynolds numbers have been conducted, but for compar-
atively high Reynolds numbers: Re > 2.5 x 10° [20]; for the conditions expected on Mars,
there appears to be a noticeable lack of experimental or numerical studies. There, however,
exists some literature from which some information can be derived. Direct numerical simula-
tions were also conducted at Reynolds numbers between 50 and 300 to analyze the effects
of subsonic to supersonic flow over a sphere [41]. Another recent study considered Reynolds
number as low as 4.4 x 10°, though this is based on the boundary layer growth length, and
not a full chord length. A recent study considered high-subsonic Mach numbers up to M = 0.8,
at single Reynolds number of Re =~ 2 x 10° [67]. They used a RANS solver to simulate flow
around an E387 airfoil and determined the appearance of shocks at Mach 0.7. The separa-
tion point due to the shock-wave boundary layer interaction is observed to cause a forward
movement of laminar separation and transition.
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Figure 2.27: Triple-deck structure of interaction zone. [59]

Aside from these and other similar studies, there has been limited experimental or numerical
analysis in transonic Mach numbers at the low Reynolds numbers typical for Mars. Theoretical
research into transonic Mach numbers at low Reynolds numbers has been done [59], with
Reynolds numbers ranging from 1 x 103 to 1 x 10°. Additionally, the boundary-layer is heavily
dependent on Re, and in turn, a lot of information can be derived through how the boundary-
layer interacts with a shock-wave [7]. The effect of small disturbances due to a weak external
shock on some incoming turbulent boundary layer were considered [59]. They utilized triple-
deck theory, which describes the interaction zone of a shock and a turbulent boundary layer.
The theoretical model indicates that as Re decreases, there is an increasing influence on the
change in wall pressure, displacement thickness growth, and local skin friction, C¢, (Figure
2.28). The pressure change across the shock-wave at low Reynolds numbers is reduced in
magnitude; the displacement thickness, while larger due to a lower Reynolds number, also
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exhibits the same behavior due to the shock-wave.

F
SHOCK

Figure 2.28: Change in pressure across a shock wave at various Reynolds numbers. [59]

Why this occurs is related to how a change in curvature impacts compressibility. A ramp
with a concave curvature will induce compression waves, that coalesce into a shock, but the
point at which they coalesce away from the ramp depends on the length of the ramp, or in
other terms, the curvature. A gradual change curvature spreads out compression waves more
than an abrupt change in curvature, thus the waves coalesce further away, and in turn, the
shock occurs further away [7]. The sonic line within the boundary-layer acts as the boundary,
and such defines the curvature for which the compression waves develop. An illustration
of this is illustrated in Figure 2.30. Additionally, The lower Reynolds number flow alters the
boundary layer in a few ways, which in turn influences the interaction of the shock-wave with
the boundary-layer. For one, a reduction in Reynolds number results in a thicker boundary
layer, and thus the sonic line occurs further from the surface resulting in a larger subsonic
region.

The thickness and velocity profile of the boundary-layer can impact the location of the sonic
line within the locally supersonic bulk flow. As Re decreases, the boundary-layer thickness
increases, and the laminar boundary-layer becomes increasingly stable. The increase in the
former would result in the sonic line moving further away from the wall, and the latter would see
an increase in the amount of laminar flow. A laminar boundary layer has a different velocity
profile compared to a turbulent boundary layer, which would result in the sonic line moving
away from the wall than when compared to the turbulent boundary-layer [7].



The low Reynolds shock-wave boundary-layer interactions result in something similar to shock
control, where the overall impact of the shock on the pressure change is reduced. This is due
to, again, a gradual curvature smearing the shock, but instead of the boundary layer, the actual
curvature of the wall acts as the shock control (Figure 2.29). The sonic lines location is seen
to impact the upstream influence length, or as in, how far upstream does the downstream
information travel upstream of the shock. A decrease in Reynolds number seems to result in
a larger upstream influence, which in effect results in the shock interaction to progressively
spread out the effects of key flow parameters [59]. Other studies have looked into the effects
of laminar boundary-layer shock-wave interactions, and have determined an increase in flow
instabilities, which would result in the transition of the boundary-layer [9, 24].
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Figure 2.29: Basic mechanism of shock control and illustration of its impact on pressure [7]
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Figure 2.30: Ramp-induced shock without boundary-layer separation. [7] The sonic line and its impact on the
formation of compression waves is illustrated here.
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3 Formulation of Research & Methodology

The effect of low Reynolds numbers on the flow physics appears to be consistent between
Earth and Mars, as the atmospheric composition, through the specific heat ratio, has been
seen to not impact the performance or flow physics in any noticeable way. Thus low Reynolds
number incompressible flows are seen to be consistent. The effect of compressibility at low
Reynolds numbers appears to be a point of interest, as it does not follow the expected Prandtl-
Glauert scaling. The effects of compressibility at low Reynolds numbers are also shown to not
vary due as a result of the Reynolds number; for the considered conditions at the very least.

The key flow phenomenon of interest for subsonic flight on Mars is the stability of the boundary-
layer, or rather where transition of the boundary-layer occurs. This defines whether the forma-
tion of a laminar separation bubble occurs, and in turn, defines the amount of attached flow
over the airfoil. Other secondary factors to consider are the changes in skin friction coefficient,
the separation point, and the pressure distribution due to changes in the Mach and Reynolds
number; this is especially in regards to the decrease in the magnitude of the suction peak
due to Reynolds and Mach number effects. As the increase in boundary-layer stability is so
substantial in determining the aerodynamic performance of a given airfoil in subsonic flight;
for transonic flight, a few differences occur, primarily with regards to the shock-wave, but also
with regards to the existence of a potential expansion fan in regions of locally supersonic flow.

Questions form on whether transonic flight, and the subsequent shock-wave boundary-layer
interaction that occurs, has a substantial consequence on the aerodynamic performance of
a wing in the atmospheric conditions of Mars, and what effects on various flow phenomena
result in these effects. A hypothesis is that a shock-wave is a clear destabilizing feature when
it comes to boundary-layer stability, primarily due to the sudden adverse pressure gradient;
however, this adverse pressure gradient is mitigated due to what we know happens at lower
Reynolds numbers: a smoothing out and diminishing of the shock-wave boundary-layer in-
teraction. This can be juxtaposed to the delay in the adverse pressure gradient due to the
presence of the expansion fan as well, which would delay separation to after the foot of the
shock, and thus likely transition would be delayed until after as well.

Ideally, we can separate the hypothesis into two components; the impact of the expansion fan,
and the impact of the shock-wave. The expansion fan should push the adverse pressure gra-
dient aft at increasing Mach numbers, and thus reduce the amount of trailing edge separation
at low angles of attack. The shock-wave, while diminished in its interaction with the boundary
layer due to a potential lambda structure, still would provide an adverse pressure gradient,
which could introduce instabilities in the boundary-layer and result in earlier transition when
compared to a hypothetical high-subsonic counterpart. From these two possible directions
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could follow, we see an overall forward movement of the transition point, and thus the reintro-
duction of a laminar separation bubble for high Mach numbers, or we could see an increase
in overall boundary-layer stability. With regards to separation, we would expect it to move aft
due to the expansion fan, which would increase the amount of attached flow; however whether
this would be a positive consequence in and of itself would be directly tied to the overall im-
pact of the shock-wave boundary-layer interaction, and in how detrimental it is to aerodynamic
performance due to wave drag as a result of momentum loss in the boundary-layer.

3.1. Research Questions

1. Given the atmosphere composition of Mars, can the introduction of
a shock wave improve aerodynamic (L/D) performance by induc-
ing a delay in separation and/or earlier transition of the laminar
boundary layer?

(a) What are the relevant Reynolds & Mach number effects at the atmospheric condi-
tions on Mars?

i. How does a change in either the Reynolds or Mach number affect the interac-
tion between the shock wave and the boundary-layer?

ii. How does a change in either the Reynolds or Mach number impact boundary-
layer separation?

iii. How does a change in either the Reynolds or Mach number influence the sta-
bility of the boundary-layer?

3.1.1. Quantification of Research Objectives

The research questions set out by the hypothesis need to be quantified in a manner that
can answer them objectively. Determining whether the aerodynamic performance improves is
straightforward; typically this is described as an increase in lift-to-drag performance. Whether
or not the performance improves or not is not useful in and of itself; determining and un-
derstanding why is just as imperative. The conditions on Mars illustrate that the Reynolds
and Mach numbers are by far the most influential parameters on the performance through
their impact on boundary-layer behavior. As the Mach number is inherently connected to the
development of a shock-wave, the effects of an increasing Mach number are necessary to
ascertain. The Reynolds number is connected heavily to the behavior, shape, and overall
profile of the boundary-layer; in turn, the Reynolds number affects the interaction between the
shock-wave and the boundary-layer.

How either similarity parameter influences the interaction between the shock-wave and the
boundary-layer is important to understand; this can be quantified through many methods: the
location of the shock wave, the impact of the shock wave on the pressure distribution, and the
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impact of the shock wave on momentum loss in the boundary-layer. The separation point is de-
pendent on the shock-wave due to the subsequent adverse pressure gradient; the separation
point can be illustrated through the skin friction coefficient; a negative skin friction coefficient
indicates flow reversal. The stability of the boundary layer is a complex problem that cannot
be analyzed in detail due to the methodological limitations discussed in Chapter 4.6. Certain
conclusions can be made through an analysis of the shape factor and the behavior of the
vortex shedding. A decrease in shape factor is indicative of boundary-layer transition. The
later stages of transition play a significant role in the vortex development in a separated shear-
layer at low Reynolds numbers; How the Strouhal number changes, or not, is indicative of the
behavior, and chord-wise position of boundary-layer transition.

3.2. Airfoil Selection

Selecting an airfoil is a trade-off between multiple criteria: experimental data, depth of liter-
ature, ease of simulation, applicability, and viability are all examples of what influences the
choice of which airfoil to select. Only three options have data applicable to the topic at hand:
a flat plate, a triangular airfoil, and a NACA 0012-34 airfoil.

< -

Figure 3.1: lllustration of the NACA 0012-34 Airfoil

The only viable option is the NACA 0012-34 airfoil (Figure 3.1), as neither the flat plate nor
the triangular airfoil will provide insight into the movement of the shock-wave, or separation
location.

+y, = agVx + ayx + ayx? + azx3 ahead of t,, (3.1)

+y, =dy+d;(1—x) +dy(1 —x)2+d3(1 —x)3 aftof tyax '
The NACA 0012-34 airfoil is defined by two analytical equations given below in Equation 3.1.
The a and d coefficients are presented in Table 3.1 [13, 49].

Qo a; a; as dg dq d, ds

0.14845 0.193233 -0.55817 0.283208 0.002 0.315 -0.23333 -0.03241

Table 3.1: Coefficients defining the NACA 0012-34 airfoil
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3.3. Parameter Definition

Determining the displacement and momentum thickness’ are important parameters in helping
understand the boundary-layer profile, and overall development of the boundary layer. Both
parameters were presented in Section 2.1 alongside their respective equations, The key point
of interest is determining the velocity tangential to the airfoil wall, as this is the value utilized for
velocity in each equation; this is done by translating the curvature of the airfoil at any specified
location to that of a flat plate equivalent. In order to do this, the analytical equations defining

the NACA 0012-34 airfoil are utilized in order to find the slope, and in turn the angle at any
discrete point along the surface of the airfoil (Equation 3.2).

% = 0.5aox7%5 + a; + 2a,x + 3azx?
Yt _

ahead of t .«

) (3.2)
2L = —dy + —2dy(1— %) + —3d3(1 =) aft of tay

The angle is then determined (Equation 3.3); the angle can then be considered with the angle
of attack to determine the slope, and as such can be utilized to define a line of points tan-

gentially from the surface; the lines are then generated for a discrete number of points evenly
along the chord (Figure 3.2).

d
¢ = arctan D (3.3)
The x- and y-components of velocity are then transformed into the normal and tangential com-
ponents. From here the computation of the displacement and momentum thickness’, and in

turn, the shape factor can be done. This angle can then be used to determine the skin friction
coefficient from both x- and y-components of the wall shear stress.
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Figure 3.2: Example of 50 lines normal to the local curvature of the airfoil; these lines are utilized to determine
the normal and tangential velocities at the wall.
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Figure 3.3: Example of a tangential velocity profile non-dimensionalized to the free-stream velocity

3.3.1. Displacement & Momentum Thickness

Defining the displacement and momentum thickness relies on defining which velocity is used
to determine the upper bound of the integration, U, [65]. This velocity can be defined as the
free-stream velocity U,,, and thus the wall distance at which the velocity in the boundary layer
reaches said value defines the upper bound (Figure 3.3. Another method is to consider the
maximum tangential velocity within the velocity profile [65], but this can be impacted by the
angle of the shock.

3.3.2. Force Coefficients

The lift and drag coefficients are defined by the x- and y- directions of the force on the airfail,
transformed to the inflow angle of attack. Where S is the surface area, defined by the chord
length, ¢, multiplied by the span-wise width of the computational domain (Chapter 4.2).

ycosa — Fysina
C, = I (3.4)
EpooUooS

F,cosa + F, sina
CD =

1 S (3.5)
Epoo Uoo
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3.3.3. Skin Friction Coefficient

The skin friction coefficient is defined by non-dimensionalizing the shear stress at the wall, t,,
with the dynamic pressure. the wall shear stress is given in x- and x- components, and thus
the same change in the reference frame is done for every discrete position along the airfoll
surface. At this point, the tangential value is used for 7,,,.

(3.6)

3.3.4. Shock-Wave Location

As mentioned in the Chapter 2.4.1, the shock location is different to ascertain based on what
occurs at the wall; this is due to the smearing effect of the shock-wave boundary-layer in-
teraction. In either case, the development of the shock can still be seen by considering the
adverse pressure gradient, and the suction peak, Cp ;. The shock occurs after the suction
peak due to the preceding expansion fan; thus, Cp .,y is the location that will be used as the
beginning of this interaction. Further discussion at the shock-wave boundary-layer interaction
at low Reynolds numbers can be seen in Appendix A.

3.3.5. Strouhal Number & Frequency Analysis

Another parameter considered is the Strouhal number. The Strouhal number is a non-dimensional
number describing oscillating flow problems (Equation 3.7) [23]; it is especially useful for an-
alyzing the vortex shedding, and can be utilized as a method to validating the solution.

St = z—d (3.7)

The frequency, f, is typically found by means of a frequency analysis, where the sampling
frequency is determined by the time-step of the problem. In this case, the frequency is that of
the vortex shedding. The reference length, d, is determined by the cross-section of the airfoil
chord, c, projected onto the cross-stream plane.

d=csina (3.8)

The frequency was extracted using the time history of the lift coefficient The time-step is also
used to determine the sampling frequency, f;, and in turn the Nyquist frequency, f,, (Equation
3.9) [4].

1
fs = At and f,, = = (3.9)
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The number of frequency points is determined by half the number of time-steps, N; the value
at each frequency point is a uniform range from 0 Hz to the Nyquist frequency. After this, the
mean value of the lift coefficient was subtracted, and then a fast Fourier transform was used
to convert it into spectral components. The spectral lift coefficients are then divided by the
number of time-steps, N, and then plotted against the frequency points. A sufficient number
of periods is used in order to extract a clear value; an example is shown in Figure 3.4. Time is
non-dimensionalized by the time it takes a particle of air in the free-stream to travel one chord
length (Equation 3.10).

t,=t— (3.10)
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Figure 3.4: Frequency analysis of the lift coefficient illustrating the vortex shedding frequency and Strouhal
number for the validation case: M = 0.61 & Re = 1.1 x 10*

3.4. Selection of Test Conditions

In order to determine the effect of transonic Mach numbers at low Reynolds numbers, a test
matrix has to be set up in a way that can compare Mach number effects, and Reynolds number
effects. Determining which Mach numbers are ideal for determining the effects of transonic
flow at low Reynolds numbers. The largest Mach number considered for the NACA 0012-34
airfoil was M = 0.61 [5]; for the triangular airfoil, this value was M = 0.70. Determining the value
of the critical Mach number is typically estimated through the use of Prandtl-Glauert scaling
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[62]. The results so far indicate that the Prandtl-Glauert correction in fact over predicts the
compressibility effects at low Reynolds numbers. This implies a decrease in the suction peak
as the Mach number increase; this suggests that the critical Mach number should be higher at
low Reynolds numbers. To be sure, a full range of the low transonic flight will be considered,
with Mach numbers ranging from M = 0.70 until M = 0.95, with AM = 0.05 as the resolution.

The Reynolds number range on Mars is shown to be between Re = 1x103 to 1x10°, depending
on the vehicle. The NACA 0012-34 airfoil has experimental and numerical results at Reynolds
numbers 1.1 x 10#; selecting these two Reynolds ranges would be ideal; additionally, the blade
tips of rotor-craft would be in the range of Re ~ 1 x 10* The higher velocities associated with
the increased Mach number could push the Reynolds number further towards an order of Re =
2x105, which would make this an interesting case as well for larger fixed-wing Martian aircraft.
For standard Martian conditions at a Mach number of 0.85, these Reynolds numbers would
result in chord lengths ranging from 1.5 cm to 100 cm. The Reynolds numbers selected did
not have a large variation between them, as resolution would be lost; as such the Reynolds
numbers selected will focus on the lower end of the realistic range.

Anyoiji et al. [8] illustrate that the angle where the Mach number effects are most noticeable
is at 10 deg, while for Reynolds effects, this angle is at 6 deg. Studying all possible angles in
order to gauge the Reynolds and Mach number’s general impact on performance is inefficient
and beyond what is necessary to understand the topic at hand. At 8deg both a change in
Reynolds and Mach numbers present clear changes in the lift coefficient, and lift-to-drag ratio;
as such, an angle of 8 deg was selected, as it offers a good midpoint for analyzing Mach and
Reynolds effects. The test conditions are presented in Table 3.2. Further data points may be
considered if necessary. The equivalent chord length is the chord length required to satisfy the
Mach and Reynolds numbers at sea-level conditions on Mars; in the simulations, the density
is varied in place of the chord length.

Mach Number, M [-] Reynolds Number, Re [-]] Equivalent Chord Length, ¢ [mm]

0.70 1.1 x 10* 44 .4
0.75 1.1 x 10* 41.4
0.80 1.1 x 10* 38.8
0.85 1.1 x 10* 36.5
0.85 2 x 10* 66.4
0.85 3 x10* 99.6
0.85 4 x10* 132.8
0.90 2 x10* 62.7
0.90 1.1 x 10* 34.5
0.95 1.1 x 10* 32.7

Table 3.2: The considered test conditions: at @ = 8 deg. The equivalent chord length is the length required to
maintain the same Reynolds and Mach number at a constant sea-level density on Mars
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Any experimental analysis is unfeasible due to the limitations of the current facilities in their
ability to realize the effects of transonic flight on Mars; additionally, the time and resource con-
straints do not allow for any substantial experimental development. With these considerations
in mind, the only option remaining is to conduct a numerical study.

Most of the studies considering flight on Mars utilize two-dimensional unsteady Reynolds aver-
aged Navier-Stokes (2-D URANS) simulations ; to be more precise, they consider the condition
unsteady only above an angle of attack of around, a = 5 deg [55, 68]. One study, as previously
mentioned in Section 2.1.2, utilized direct numerical simulations (DNS) [39], though their re-
sults are inconsistent for angles of attack above a = 5 deg due to what they state to be due to
three-dimensional unsteady phenomena [39].

Sugar-Gabor & Koreanschi [55] considered a NACA 0012-34 airfoil for their simulations; they
utilized 2-D URANS for the purposes of optimizing an airfoil for subsonic flight on Mars, and
validated their model against the experimental results of the Mars wind tunnel. In any case,
all the 2-D URANS setups appear to be accurate in comparison to their experimental coun-
terparts. A two-dimensional unsteady Reynolds-averaged Navier-Stokes approach would be
ideal; the limitations of 2-D URANS are apparent and must not be understated; The accuracy
of the problem is sacrificed for computational efficiency, and as such all results should be
viewed relative to one another.

4.1. Numerical Solver Selection

As the problem definition is fairly straightforward, commercially available numerical solvers can
be used. The commercial software available for use are Fluent 19.1 and CFX 19.1, with the
TU Delft having licenses for both. SU2 and OpenFoam are additional options as well, though
due to the lack of familiarity with the SU2 and OpenFoam, they were not considered. Either
option is sufficient, as neither seems to be substantially different in terms of their use cases or
results [1]; One thing to note is CFX 19.1 is incapable of 2-D simulations in an absolute sense,
and require one cell width in the span-wise direction; this is sometimes colloquially referred
to as "2.5"-D; but it is effectively 2-dimensional. CFX 19.1 was selected as the solver for use,
alongside ICEM CFD 19.1 for mesh development.

36
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4.1.1. Discretization Method

ANYSYS CFX 19.1 offers three schemes for advection and turbulence: A first-order scheme,
high-resolution scheme, and a scheme with a specified blend factor. The high-resolution
scheme utilizes a variable blend factor,?? , in order to balance between the first and second-
order schemes, while the specified blend factor specifies a constant value of g between 0
and 1. ANSYS recommends the high-resolution scheme when possible. The scheme imple-
mented in ANSYS CFX is shown in Equation 4.1.

Pip =§0up+ﬁV§0'A? (4.1)

The transient schemes available are first-order backward Euler and second-order backward
Euler. As the studied conditions exhibit strong unsteady behavior, the second-order scheme
is utilized.

4.2. Domain Sizing

Yang & Agarwal [68] performed two-dimensional numerical simulations utilizing a rectangular
grid, in the same fashion as Munday et al. [39], who utilized a domain size of (x; y; z) € [-10c;
20c] % [-10c; 10c] % [-0.15c; 0.15c]. They considered that the past research concluded that
the M., = 0.15 had a free-stream that was nearly incompressible, and thus velocity inlet and
pressure outlet boundary conditions were prescribed; for the top and bottom boundaries, a
free stream boundary condition was applied. The M., = 0.5 case employed the use of a pres-
sure far-field boundary condition for the inlet, outlet, top, and bottom boundaries, with a no-slip
wall boundary condition used for both Mach numbers. A domain size of (x; y; z) € [-10c; 20c]
x [-10c; 10c] x [-0.025c; 0.025c] was generated, with one cell width in the span-wise (z) di-
rection in order to utilize a 2-Dimensional approach in Ansys CFX 19.1. The chord length was
selected to be 0.05 meters, matching that of the Mars Wind Tunnel [5]. The boundary condi-
tions were selected to match those of the compressible case used by Yang & Agarwal: a total
pressure inlet with a specified flow direction, a static pressure outlet, a static pressure open-
ing for the far-field, an adiabatic wall for the airfoil, and a symmetry condition in the span-wise
direction.
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4.2.1. Mesh Quality

A reasonable level of mesh quality is important to ensure that the simulation is both accu-
rate and resource-efficient. There are certain parameters that can help determine the quality,
primarily: Smoothness, orthogonality, and the aspect ratio [32]. The mesh expansion factor
measures the maximum volume change between each neighboring cell. It is effectively a pa-
rameter that determines the smoothness of the grid. A mesh expansion factor of 1.2 is usually
indicative of a smooth transition between elements. An example of the volume change at the
leading edge is shown in Figure 4.3.

Orthogonality is a measure of the angle difference between the vector that joins to two mesh
elements centers, and the connecting surface. An ideal orthogonality angle is 90 deg, though
sometimes this is written instead as 0 deg with an increasing angle as detrimental, utilizing
the face normal vector as the reference instead of the face itself. The ANSYS CFX solver is
capable of handling high aspect ratios, up to 10,000 with the double-precision solver; in any
case, the largest aspect ratios should be located where the flow is simple; i.e near the far-field
in order to help with convergence.. The determinant is used to check for cells with non-real
geometry, such as negative volume.

Figure 4.3: Volume change at leading-edge: Cells in green illustrate a mesh expansion factor < 1.2

4.2.2. Element Sizing

The most important criteria for determining the smallest element size is the non-dimensional
wall distance, y*. Typically a y* of less than one would be sufficient, however both references
utilized lower values, below 1, around y* = 0.1 [55, 68]; the y* was selected to be as such.
The smallest element would, as a result, have a length between 5 x 107¢ & 1 x 10> meters.
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4.3. Physics Modeling

All the studies that have considered CO, and air have indicated that they make no signif-
icant difference in the flow behavior or force measurements [5, 56]; this indicates that any
simulations can be considered using air, which many studies have done. Though there is
the consideration that the atmospheric composition impacts the specific gas constant & the
specific heat ratio, which subsequently affects the speed of sound. CO, has lower values for
both parameters, which would make designing high Mach, low Reynolds number wind tunnels
easier, as there would be a lower necessary temperature reduction.

The composition of the Martian atmosphere has been seen to have a limited, and insignificant
impact on performance; the difference between the atmospheres is only useful for determining
realistic flight conditions on Mars. In order to remove any ambiguity, an ideal gas was assumed
with Carbon Dioxide (CO,) selected as the working gas in order to best match both the nu-
merical results, the experimental results, and more importantly, the Martian environment. Total
energy heat transfer and high-speed wall models were activated in order to capture the effects
of compressibility.

4.3.1. Boundary & Initial Conditions

The model was set up with pressure boundary conditions at the Inlet, Outlet, and Far-field, as
those are ideal for considering compressible flow [68]. The Mach number and Reynolds num-
ber were selected for each case, and then every other necessary boundary & initial condition
were derived through them, with certain values such as temperature (T), chord length (c), and
gas constants (i.e the specific heat ratio, y) were kept constant; keeping these parameters
constant allowed for the Mach number to only be dependent on the velocity, and allowed for a
constant dynamic viscosity, u. The free-stream velocity, U, is then found using just the Mach

number (Equation 4.2).
UOO =M )/RCOZT (42)

The standard sea-level temperature for Mars is set as the reference temperature, T, = 214 K,
with a reference dynamic viscosity, u, = 1.289 x 107> Pas [55]. With these, Sutherland’s
law can be used to determine the dynamic viscosity, i, on Mars at a constant temperature
(Equation 4.3) [55]; in this case, the temperature remains 214 K, but the method is also used
to determine the dynamic viscosity locally as the temperature varies within the vicinity of the
airfoil.

[T\ T(S+T,
wonl(z) (557) 9
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A constant chord length of ¢ = 0.05m was selected, as it was utilized as the chord length
by Anyoji et al. [5] and is within a realistic order of magnitude. The boundary-condition for
density, p, can be found using the Reynolds number (Equation 4.4). The static pressure at the
boundaries can then be found using Equation 4.5.

R
p=—o (4.4)
cUs

P = pRCOZT (45)

The total temperature and total pressure at the Inlet can be found using Equations 4.6 and
4.7.

-1
Teotar =T <1 + TM2> (4.6)

(75)

-1
Ptotar = P <1 + 2 M2> 4.7)

Every boundary condition could be applied aside from those related to turbulence; The angle
of attack can be utilized in order to receive the necessary directional components of velocity.
The static pressure, P, was also subtracted to all pressure values prior to input, and instead
specified as the reference pressure. The only remaining boundary & initial conditions to dis-
cuss are those related to turbulence.

4.4. Turbulence Model Selection

Yang & Agarwal [68] compared their results to the experimental (MWT) and DNS results found
by Munday et al. [39] for both the M, = 0.15 and M., = 0.50 cases, at a Reynolds number
of 3 x 103. First, they considered the lift coefficient (Figure 4.4). The results indicate that,
when compared to the experimental results, the Spalart-Allmaras turbulence model performed
the worst, as it tended to over predict the pre-transition angle lift curve, the SST k-w model
appeared to be fairly good, with a slight deviation, and finally the Wray-Agarwal model, which
performed the best when compared to the experimental data.

This is juxtaposed to the work done by Sugar-Gabor & Koreanschi [55], who considered the
NACA 0012-34 airfoil instead of the triangular airfoil; Similar to Yang & Agarwal, they consider
a Spalart-Allimaras turbulence model, but with one key difference: they utilized a transition
model as well, in this case, the one-equation indeterminacy model [55]. The use of a tran-
sition model is understandable when comparing the triangular airfoil and the NACA 0012-34
airfoil. The triangular airfoil has a distinct, sharp change in curvature, which essentially makes
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predicting transition to turbulence easier due to the predictability of the adverse pressure gra-
dient no matter the Reynolds number. The NACA 0012-34 airfoil has a gradual curvature, and
the conditions are at low Reynolds numbers, where modeling transition is essential; thus a
transition model to predict when transition occurs is utilized.
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Figure 4.4: Lift coefficient vs. AOA for triangular airfoil using the SA model, Re = 3,000, M., = 0.5 [68]

Numerous turbulence models are of interest when it comes to CFX 19.1 has the Spalart-
Allmaras turbulence model as a beta feature, and does not have a transition model imple-
mented; additionally, the Wray-Agarwal turbulence model is unavailable. The k-w Shear
Stress Transport (k-w SST) turbulence model was seen to perform well and was selected
alongside a one equation transition (Intermittency - y) model. This does increase the number
of equations from two to three; though with some gain in accuracy as well.

A certain problem persists with regards to the k-w Shear Stress Transport turbulence model;
the model has an issue with an overproduction of turbulent kinetic energy in regions with an
adverse pressure gradient or high curvature [36], which in turn impacts separation prediction
greatly. In order to solve this problem, a production limiter was introduced. The original for-
mulation by Menter [35] is presented as a Clip Factor in ANSYS CFX. Kato & Launder [37]
presented another production limiter, in order to combat a similar problem; their model is spec-
ified as the Kato-Launder production limiter. These two models are both present in ANSYS
CFX, and ANSYS recommends the Kato-Launder formulation. While validation will be dis-
cussed further in Section 4.7, the process led to a discovery that the Clip-Factor formulation
performs significantly better at high angles of attack, as the Kato-Launder formulation still led
to an overproduction of turbulent kinetic energy at the leading edge.
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4.4.1. Turbulent Conditions

Menter [35] recommends the following boundary conditions for turbulence.

Uy Uy

< Wrarfield < 1OT (4.8)
1075U% 0.1U2

Re, < Kiarfield < Re, (4.9)

Where L is suggested to be the approximate length of the computational domain, though this
open to interpretation [46]; in general, this should lead to far-field eddy viscosity ratios of % =

1075 to 1072. A common selection for the eddy viscosity ratio is % = 0.009 to 0.01 [53].

The conditions on Mars would result in low Reynolds numbers; As previously discussed in this
paper, low Reynolds numbers, and high Mach numbers have a stabilizing effect on the bound-
ary layer. The conditions would thus be almost entirely laminar. Sugar-Gabor & Koreanschi
[55] corroborate this by utilizing a turbulence intensity of, I = 0.05% for their simulations; as-
suming the standard validation case (discussed in Section 4.7), then this would fall within the
range for turbulent kinetic energy, k, based on Equation 4.10.

3
k=2 UD? (4.10)

The turbulence conditions were thus taken as a constant turbulent intensity of 0.05% [55], and
an eddy viscosity ratio of 0.009 [53]. The initial conditions were set up with each case’s test
condition, and then a steady-state simulation was run, which in turn would be used as the
initial condition for the transient simulation.

4.5. Convergence Criteria

There are two definitions of convergence when it comes to a transient numerical solver, as CFX
19.2 utilizes a number of inner-loop steps to determine the solution for each time-step; usually,
this is defined by the residual, where the root mean square (RMS) of each of Navier-Stokes
and model equations are run through some number of steps before they reach a residual
of 1 x 107* to 1 x 107°; the lower the residual the more numerically accurate the solution.
The maximum value of each residual in the entire domain can also be used as a criterion
instead for certain problems. In general, itis a compromise between time (number of inner-loop
steps) and numerical accuracy. The second definition is determined when the entire transient
solution across some number of time-steps is considered converged; usually by selecting
some parameter of interest, and running the simulation until the value hits some asymptotic
value. In the case of low Reynolds numbers, this is instead when the mean value of the shed
vortex is constant across a certain number of periods: in this case around 100 cycles. An
example of asymptotic convergence is shown in Figure 4.5.
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Convergence of Lift Coeflicient
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Figure 4.5: Example: convergence of the lift coefficient for the validation case M = 0.61 & Re = 1.1 x 10* at a =
8deg

4.6. Methodological Limitations

The methodology developed here is pragmatic in its approach to be efficient with the resources
available. Unsteady Reynolds-averaged Navier-Stokes models compute the mean flow and
are incapable of resolving any turbulent scales; all turbulence is modeled. URANS models
have trouble with the separation of buff bodies, and with turbulence within a separated laminar
shear layer [25].

The complete modeling of turbulence and transition prevents a thorough stability analysis; a
URANS approach is limited when it comes to weak instabilities [16]. URANS is additionally
limited when it comes to tackling large-scale coherent structures, and in terms of predicting
transition [16]; though the addition of transition models does help, these models are in part
based on empirical relations. The two-dimensional approach utilized also introduced margin
for potential deviations from reality, as discussed in Section 2.2.1 on the discrepancy between
the DNS, URANS, and experimental results. Certain flow phenomena, such as dynamic stall
are three-dimensional in nature, and thus a two-dimensional model can fail in capturing it
accurately [54, 63]. The upside to a two-dimensional approach is the efficiency of the problem,
as a three-dimensional approach would mandate an order of magnitude increase in the cell
count.

Aside from the deficiencies of URANS; there are modeling limitations when it comes to specific
turbulence models; the k-w SST turbulence model has issues with predicting separation due
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to an overproduction of turbulent kinetic energy at regions of high curvature [35]. These issues
can and have been mitigated by the introduction of production limiters. Due to the mentioned
examples and other sacrifices in accuracy, all information extracted from this methodology
should be compared in relative terms, and not in terms of its exact value; an example would
the location of separation, or the shock-wave.

4.7. Verification & Validation

This section will discuss the ability of the method to capture a reasonably accurate representa-
tion of what occurs in the researched flight conditions. The experimental and numerical results
[5, 55] at M = 0.61, and Re = 1.1 x 10* will be utilized for validation.

4.7.1. Grid-Independence Study

A grid independence study was conducted using three levels of mesh refinement: [74,796;
149,592; 299,184]. The grid spacing, h;, decreases by a factor of r = 2 for each refinement
level. The study was conducted at an angle of attack, @ = 8 deg, a Mach number of M = 0.61,
and a Reynolds number of Re = 1.1 x 10%. As can be seen, the difference between the results
of the medium grid and the fine grid are insignificant for the loss in computational efficiency,
and as such, the medium grid is selected.

Grid Type Lift Coefficient [-] Drag Coefficient [-]
Coarse (74,796 cells) 0.3981 0.1006
Medium (149,592 cells) 0.4218 0.1052
Fine (299,184 cells) 0.4232 0.1054
Experimental Reference [5] 0.3938 0.1032
Numerical Reference [55] 0.4004 0.0956

4.7.2. Time-step Independence

Yang & Agarwal [68] utilized a 2-D URANS approach to analyze the accuracy of various tur-
bulence models at low Reynolds subsonic conditions; a triangular airfoil was utilized with a
chord length of 0.03 meters. They determined a time-step of At = 1 x 10~° s was viable to
capture the unsteady flow behavior within their problem. The dominant unsteady behavior
for the flow regimes discussed in this paper is due to vortex shedding in the wake, where a
Strouhal number of S; = 0.21 is to be expected [23]. Using the validation case of M = 0.61,
Re = 11,000, a free-stream velocity of U,, = 139.282m s~ ! is found. The chord length, c, is
0.05m, at an angle of attack of 8 deg. The frequency of the vortex shedding is determined to
be 4,203 Hz, equating to t = 2.4 x 10~*s. The selected time-step should be able to capture
this frequency, thus should be at least one order of magnitude smaller, placing it around At
=1 x 107%s. Lower time-steps (At = 2.5 x 107°s) do not present a significant increase in
accuracy that would require increased computational time.
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Time-Step  Lift Coefficient [-] Drag Coefficient [-]

1x10 5s 0.4218 0.1052
25%x10°s 0.4384 0.1074

4.7.3. Solution Verification

A generalized Richardson extrapolation procedure was used to determine the accuracy of the
solution: as the exact solution is unknown and unknowable with regards to verifying the nu-
merical model, then three numerical solutions are necessary in order to calculate the observed
order of accuracy [45]. The three grids were generated with a refinement factor of r = 2, where
the spacing of the fine grid is half that of the medium grid, which is half that of the coarse grid.

hy _ hs
T—h—l—h—z—z (411)
The solutions, f;, are found for each of the three grids, and are numbered based on their
refinement: the solution of the fine grid, f;, the medium grid, f,, and the coarse grid, f;. The
solutions of the three grids are then used to calculate the observed order of accuracy, p, for

that specific parameter (Equation 4.12).

in(£2)

_ 27 J1

D= () (4.12)
The parameters in question are the velocity, temperature, and density, measured within the
wake; this is done specifically for the validation case of M = 0.61, Re = 1.1 x 10*. The observed
order of accuracy is seen to be approximately p =~ 2.3 for the three parameters considered.
The schemes used are either second-order, or the aforementioned high-resolution scheme;
this indicates that the numerical method is reliable, as the observed order of accuracy is near

the formal order of accuracy.

4.7.4. Validation Study

The experimental results provided by Anyoji et al. 2015 [5], and numerical results Sugar-
Gabor & Koreanschi [55] were used in conjunction to help validate the model. Simulations
were conducted at M = 0.61, and Re = 1.1 x 10* throughout a full angle of attack range.
An unsteady simulation is only considered for angles of attack above 5deg, as the impact
of unsteady behavior diminishes as the angle of attack drops [39, 55, 68]. As can be seen
in Figures 4.6 and 4.7, the lift and lift-drag polars are consistent with the experimental and
numerical data. Issues arose with stall angles of attack due to the over-production of turbulent
kinetic energy at the leading edge; this was mitigated by selecting the clip-factor instead of the
recommended Kato-Launder production limiter.
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Figure 4.6: Lift Polar for the experimental reference [5], the numerical reference [55], and the model results
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5.1. Mach Number Effects

Figure 5.1 presents the onset of drag divergence at a constant angle of attack, « = 8deg, and
at a constant Reynolds number, Re = 1.1 X 10*. Here it can be seen that the drag coefficient
grows substantially after a certain Mach number is achieved (M = 0.75). At this Mach number,
it can be seen that dC;/dM = 0.10, and thus is the drag divergence Mach number for a =
8deg. The behavior is consistent with what is seen for higher Reynolds numbers, albeit with
a substantially larger drag coefficient.

M Effect: Cp at 8 deg
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Figure 5.1: Mach number effect on the Drag Coefficient for a NACA 0012-34 Airfoil: Re = 11,000, a = 8 deg

In contrast, the lift coefficient illustrates a different scenario from what is typically seen. For
standard flight conditions on Earth, the lift coefficient grows with increasing Mach number due
to compressibility effects, and then drops as shock-waves are introduced; this was illustrated in
Figure 2.13 in Section 2.2. This is juxtaposed to what is seen in Figure 5.2; as predicted, the lift
coefficient decreases as M increases to higher subsonic values. This trend appears to reverse
as the drag divergence Mach number is surpassed, contrary to what is seen at conventional
Reynolds numbers, where a shock-wave has a negative impact on the lift coefficient.
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M Effect: Cyp, at 8 deg
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Figure 5.2: Mach number effect on the Lift Coefficient for a NACA 0012-34 Airfoil: Re = 11,000, a = 8 deg
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Figure 5.3: Mach number effect on the Lift-to-Drag ratio for a NACA 0012-34 Airfoil : Re = 11,000, a = 8 deg
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5.1.1. Transonic Effects & SBLI

Figure 5.3 presents the onset of transonic flight and its subsequent impact on the lift-to-drag
ratio; as can be seen, the increase in lift coefficient after the critical and drag divergence Mach
numbers are surpassed is initially accompanied by a decrease in the descent of the lift-to-
drag ratio, up until it reverses, albeit slightly, around M = 0.85. In order to understand why
this occurs, let us consider the pressure distributions (Figure 5.4). A general estimate for the
location of the shock-wave at some of the considered Mach numbers can be extracted from
the pressure distributions of each condition; an exact location is difficult to ascertain due to
the smearing of the shock. Prior to the drag divergence Mach number (M = 0.75), the suction
peak, Cpnmin, OCcurs at or near the leading edge. The suppressed magnitude of Cp ,,;,, due
to compressibility effects can be seen to continue, up until M passes the inflection point of
the lift-to-drag curve (M = 0.85), then the following trends can be seen: the aft movement of
Cpmin; @ Mild increase in the magnitude of Cp ,,,;,, and a less adverse pressure gradient.
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Figure 5.4: Mach number effect on NACA 0012-34 Pressure distributions at Re = 1.1 x 10* & a= 8deg

Once the critical Mach number is surpassed, the suction peak begins to move aft as a result
of an expansion fan forming at the regions of diverging curvature; this movement is illustrated
in Figure 5.8. The magnitude of Cp ,,,;;, initially decreases, following the same trend seen in
the literature, at which M has a detrimental impact on Cp ,,,;, (Chapter 2.1.2). The reduction
in the magnitude of Cp ,,,;, Was stated to be due to the interaction between viscous and com-
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pressibility effects, which result in the in-applicability of Prandtl-Glauert corrections above M =
0.3 for low Reynolds numbers. As M increases, the resulting temperature rise can result in an
increase in y; this, in turn, can impact Cr, the boundary-layer thickness, displacement thick-
ness, and momentum thickness. As discussed, these are important parameters in defining
the external velocity as described in the Von Karman relation.

The adverse pressure gradient for the high subsonic cases is steeper than the transonic cases
and is a result of the already depressed suction peak due to subsonic Mach effects, and the
diminished interaction between the shock-wave and the boundary-layer at lower Reynolds
numbers, as discussed in Chapter 2.4.1. Why this is the case can be seen by considering the
Mach numbers at which a shock occurs, and comparing it to their respective pressure distribu-
tions. While the drag divergence Mach number occurs around M = 0.75; the first formations of
a shock are not seen until M = 0.80 (Figure 5.6). Itis not until M = 0.85, at the aforementioned
inflection point in the lift-to-drag curve, that the lambda structure begins to form in a similar
fashion to what occurs for a shock-control bump (Chapter 2.4.1). As can be seen in Figure
5.7 for M = 0.85, this lambda structure is significant, and the second leg of the structure forms
aft of the trailing edge. At M = 0.90, the lambda structure of the shock increases in size; addi-
tionally, the second shock leg moves in line with the normal shock at the point where the two
shock legs meet.
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5.1.2. Boundary-layer Separation

As the shock-wave moves aft due to an increase in Mach number, and there exists a favorable
pressure gradient prior to the shock-wave; one can expect that the separation point moves aft
until after the shock-wave. Figure 5.5 presents a targeted view of the skin friction coefficients,
where at which it can be seen that the separation point is consistently aft of the adverse pres-
sure gradients initial point, and moves further aft as M increases (Figure 5.8). This is due to
the influence of the pressure gradient on the separation point, where the flow reversal occurs
due to the flow within the boundary-layer no longer being able to counteract the increase in
pressure. From what can be inferred is that the expansion fan extends the favorable pressure
gradient, and the low Reynolds numbers’ effect on the shock-wave boundary-layer interaction
reduces how adverse the pressure gradient is after the first leg of the shock occurs. This is
important in producing higher lift coefficients, as the key reason for the poor lift performance
of a NACA 0012-34 airfoil at low Reynolds numbers is that the high stability of the boundary-
layer at these conditions delays transition, and thus promotes laminar separation, and inhibits
reattachment of the separated shear-layer.
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Figure 5.8: Mach number effect on the location of Cp,,;;, & separation point for a NACA 0012-34 at Re =
1.1 X 10* & a= 8deg

Figure 5.9 shows the shape factor at various Mach numbers; the boundary-layer remains
laminar up until separation, as the shape factor for each case remains relatively stable up
until the pressure gradient becomes adverse. A shape factor of around H = 4 is expected
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before the separation of a laminar boundary-layer occurs; Figure 5.10 shows that separation
does indeed occur near or above this value. The shape factors found are slightly higher than
predicted, with the laminar boundary-layers having shape factors around H = 3.2 rather than
the expected H = 2.7; this is likely due to the upper integral limited selected for velocity. In any
case, the only impact this has is on the scaling of the shape factors value.

5.1.3. Boundary- & Shear-layer Stability

The stability of the boundary-layer is also seen to be impacted, or rather more specifically,
the relative location of the transition point. After the separation point, the shape factor still
increases monotonically up until an inflection point occurs; for M = 0.61; this occurs within the
bounds of the airfoil-chord around x/c = 0.88. The drop in shape factor here is indicative of
the transition of the separated shear-layer, and occurs in a similar fashion to what is described
in Figure 2.5. In fact, for the all the cases above M = 0.61 at Re = 1.1 x 10*, the boundary-layer
does not appear to transition; this is reasonable, as Anyoiji et al. [5] found for M = 0.61, Re =
1.1 x 10* that the transition point does not occur until x/c = 0.9, which fairly consistent with
the decrease in the shape factor for the same case seen in Figure 5.9.

The transition point at these conditions is primarily dominated by the pressure gradient; as
free-stream turbulence is small, there is no considered the surface roughness, and the air-
foil surface is specified as an adiabatic wall. In this case, it can be said that the transition
point is pushed aft due to the expansion fan moving the adverse pressure gradient aft and
the subsequent shock decreasing the severity of said adverse pressure gradient. This was
predicted in the formulation of the research in Chapter 3; where increased attached laminar
flow is expected due to the aft movement of the adverse pressure gradient.

A question remained whether the advent of the shock-wave would provide significant enough
of an adverse pressure gradient to have a destabilizing effect on the boundary-layer enough to
encourage earlier transition; this does appear not to be the case. The interaction of the shock
wave and the boundary-layer at low Reynolds numbers has been seen to be diminished and
spread out, resulting in a lower adverse pressure gradient and an overall smaller change in
the pressure coefficient compared to the sub-transonic cases (M = 0.70); this itself would
be indicative of a delay in transition by itself, under the assumption that the adverse pressure
gradient is the dominant factor for instability at these conditions. On top of the aforementioned
effects, one must also consider the aft movement of the adverse pressure gradient due to the
expansion fan. which would delay the transition point by itself, even if the pressure gradient
were not to change. This is an addition to the increasing suppressed suction peak magnitude
due to increasing sub-transonic Mach numbers at low Reynolds numbers discussed in Chapter
2.1.2.

The transition point is delayed due to increasing Mach numbers due to three key reasons: the
decrease in the magnitude of the suction peak, Cp i, due to compressibility effects at low
Reynolds numbers, the decrease in the severity of the adverse pressure gradient due to a
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M Effects: Shape Factor
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Figure 5.9: Mach number effect on the shape factor, H: Re = 11,000, & a= 8 deg

shock wave at low Reynolds numbers, and the aft movement of the shock-wave, and subse-
quent adverse pressure gradient, due to the expansion fan. This culminates into a scenario
where the transition point being pushed further aft where no transition of the boundary-layer
within the bounds of the airfoil chord length; this can be seen for M = 0.61 for a Reynolds
number of Re = 1.1 x 10*, as seen in Figure 5.9, where the transition point is near the trailing
edge. For the considered Reynolds number of Re = 1.1 x 10%, the transition point moves aft
of the trailing edge solely due to the sub-transonic compressibility effects and can be seen in
the in shape factor for M = 0.70 (Figure 5.10), where transition no longer occurs.

The effect this has on the vortex shedding can be seen in Figure 5.12; the aft movement of
the transition point coincides with a reduction in the Strouhal number. This is similar to the
compressibility effects on the Strouhal number discussed in Chapter 2.2. The amplitude of the
vortex shedding and its effect on the lift coefficient shown in Figure 5.12indicates that there is
a significant drop-off in influence the shed vortex has on the force coefficients after M = 0.61,
which reasons that this is due to the transition point moving aft of the trailing edge as it is the
later stages of transition that result in the development of coherent structures that can con-
tribute to vortex shedding. The separated shear-layer is an additional factor to consider; the
Kelvin-Helmholtz instability develops within the separated shear layer. The separation point
moves aft and thus the size of the separated shear layer is impacted. Additionally, The Kelvin-
Helmholtz instability within the separated shear-layer is impacted by the compressibility of the
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second leg of the shock, as the Mach numbers on the boundary of the wake are above unity
near the trailing edge. The Kelvin-Helmholtz instability has been seen to be impacted quite
significantly due to increased compressibility, resulting in a stabilizing effect. As M increases,
an aft movement of the second shock leg occurs, and thus the wake experiences more of
this phenomena, and thus would in help suppress the development of these roll-up vortices.
This indicates that the cases become more steady at higher Mach numbers; at M = 0.90 and
above, no oscillation of the force measurements occurs. The lack of any force oscillations
also indicates that the shock-wave does not move in time. This can be confirmed to be true
by considering a time-instantaneous plot to see if any vortex shedding does occur, as can be
seen in Figure 5.11. There is a significant caveat with regards to these conclusions; the mesh
could be too coarse to capture the developing vortex significantly aft of the trailing edge, and
the URANS approach used could prevent small-scale fluctuations from being captured. In any
case, these would likely be small, but would require further research.
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Figure 5.10: Mach number effect on the shape factor, H, at separation: Re = 11,000, & a= 8 deg

The above reasons for why transition is delayed explain why the lift coefficient increases at
post-critical Mach numbers relative to the subsonic cases; it can be concluded to be a result
of the expansion fan moving Cp i, aft, and the diminished and spread out the interaction
between the shock-wave and the boundary-layer, which allows the boundary-layer to retain
its momentum due to the lower adverse pressure gradient, and thus delays separation of the
laminar boundary-layer. The shock wave boundary-layer interaction results in drag savings
as well, in a similar fashion to a shock control bump.
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Mach Contours: M = 0.85

Figure 5.11: Time-instantaneous Mach contours at M = 0.85 & M = 0.90 at Re = 1.1 X 10* & a= 8deg
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5.2. Reynolds Number Effects

Within the bounds of flight on Mars, the Reynolds number would have a few key effects
on boundary-layer: the overall shape and profile of the boundary-layer, the stability of the
boundary-layer, and the strength of the interaction between the shock wave and the boundary-
layer. The pressure distribution is impacted due to the increase in displacement thickness,
which in turn alters the effective curvature of the airfoil; this is of primary concern for the lead-
ing edge, as the magnitude of the pressure coefficient is suppressed; this impacts lift, but
also helps minimize the strength of the adverse pressure gradient. It was also seen that the
decrease in Re has had a stabilizing effect on the boundary-layer, specifically in that the tran-
sition point is pushed further aft, thus delaying or preventing reattachment. Separation of the
laminar boundary-layer is in turn impacted by the strength of the shock-wave boundary-layer
interaction and its subsequent effect on the pressure gradient.
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Figure 5.13: Reynolds number effect on the Lift Coefficient for a NACA 0012-34 Airfoil: M = 0.85, a = 8deg

The key factor for why lift performance is depressed at low Reynolds numbers is due to the
early separation of the laminar boundary-layer. At transonic Mach numbers this has been
seen to reverse relative to the high subsonic condition at a constant Re. With these facts in
mind, one would expect an increase in Re to the following effects: stronger adverse pressure
gradient, earlier transition, an increase in the magnitude of Cp ,,,;;,. How this impacts the lift
and drag coefficients can be seen in Figures 5.13 and 5.14; the increase in Re results in an
initial drop in the lift coefficient but then proceeds with a further increase. This coincides with a
decrease in drag (Figure 5.14). Aerodynamic performance improves overall as a result (Figure
5.15).
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Figure 5.14: Reynolds number effect on the Drag Coefficient for a NACA 0012-34 Airfoil: M = 0.85, a = 8deg
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5.2.1. Transonic Effects & SBLI

The reasoning for this can be explained by considering the pressure distributions (Figure 5.16).
As can be seen, Cp,,,;, moves forward along the chord, and reduces in magnitude; this trend
appears to reverse once Re increases further. This is a combination of two phenomena: the
strength of the shock wave boundary-layer interaction, and the effect of an increase in Re on
the boundary-layer profile and thus the pressure distribution, more specifically Cp ;. The
strength of the shock wave boundary-layer interaction strengthens as Re increases, as the
boundary layer thickness decreases, and thus the sonic line moves closer to the airfoil; this
effectively moves the coalescent point of the compression lines closer to the sonic line, and
thus upstream due to the angle of the shock. This also coincides with the breakdown of the
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Figure 5.16: Reynolds number effect on NACA 0012-34 Pressure distributions at M = 0.85 & a= 8deg

lambda structure (Figure 5.18); the shape of the shock at Re = 2 x 10* appears to indicate the
formation of the lambda structure. The lambda structure is highly dependent on the curvature
of the geometry; in this case the sonic line. An increase in Re alters this curvature due to the
decrease in displacement thickness, and thus it appears more as a main shock-wave with a
secondary shock-wave forming. A similar scenario occurs in The last section on Mach effects
that saw that the lambda structure develops after the first signs of a shock appear (M = 0.80);
in order to check whether an increase in Re delays this development to higher Mach numbers,
cases at M = 0.90 were considered as well in Figure 5.19. There does appear to be some
indications of it being the case, but it appears that instead of oblique shock forming at the
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front leg, compression waves form instead. In this case, the behavior is still exactly that of a
shock control bump; expansion waves still emerge within the lambda shock region. Another
point of interest is the gradient of the interaction zone between the second shock leg and the
separated shear layer; the lower Reynolds number case illustrates a more gradual decrease
in M within; this coincides with a less adverse pressure gradient acting on the wake.

5.2.2. Boundary-layer Separation

A further increase in Re results in a subtle increase in the magnitude of the suction side of the
pressure distribution; as mentioned, this is due to the decrease in the displacement thickness
and skin friction coefficient. There now exists two opposing trends, a detrimental increase
in the strength of the shock wave boundary-layer interaction, and a beneficial impact on the
magnitude of the suction-side pressure distribution. The result of this can be seen on the
separation point (Figure 5.17). The separation point moves aft, initially quite substantially. A
forward movement in the separation point can be seen from Re = 2 x 10* and above, but it is
rather small, and is due to the steeper adverse pressure gradient due to the stronger shock
interaction. The drag coefficient is in turn impacted by all these factors as well. An increase in
Re would result in the stronger shock-wave boundary-layer interaction, which could increase
pressure drag, but it appears that the drop in viscous drag precludes an overall increase in
drag and outpaces the drag increase due to the strengthened shock-wave boundary-layer
interaction beyond Re = 3 x 10* (Figure 5.20).
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Figure 5.17: Reynolds number effect on Cp ,,;;, and separation point, H, at separation: M = 0.85, & a= 8deg
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Figure 5.18: Time-averaged Mach contours at Re = 1.1 x 10* & Re =2 x 10* at M = 0.85 & a= 8deg
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Figure 5.20: Reynolds number effect on the Viscous & Pressure Drag for a NACA 0012-34 Airfoil: M =0.85, a =
8deg

5.2.3. Boundary- & Shear-layer Stability

The separated laminar shear layer is expected to transition earlier as a result of an increasing
Reynolds number, and this can be seen in Figure 5.21. The inflection point in the shape factor
can be seen to move forward along the chord as Re increases. At Re = 20,000 the transition
point appears to be around x/c = 0.90, and at Re = 30,000, this appears to remain the case.
As Re increases to 40,000, the inflection point in the shape factor moves to around x/c = 0.65.
This movement forward is consistent with the discussed Re effects in Chapter 2.1. Despite
the forward movement of the transition point, the boundary layer prior to separation remains
laminar, which can be seen in Figure 5.22, illustrating that the shape factor at separation
remains around H = 4. In the discussion on the Mach number effects, it was stated that the
transition point was important when it comes to the development of vortices in the separated
shear layer; additionally, the shear layer separates sooner, which should amplify the Kelvin-
Helmholtz instability. Despite this, no vortex shedding is captured from Re = 2 x 10* and
above. Compressibility has been discussed to have a stabilizing effect on the Kelvin-Helmholtz
instability; as can be seen in Figure 5.18, for Re = 2 x 10%, the Mach numbers aft of the trailing
edge outside the separated shear-layer are larger than its Re = 1.1 x 10* counterpart, and thus
would have an increased stabilizing effect. In any case, as discussed in the previous section,
this would have to be researched further.
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Figure 5.21: Reynolds number effect on the shape factor, H: M = 0.85, & a= 8deg
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Figure 5.22: Reynolds number effect on the shape factor, H, at separation: M = 0.85, & a= 8deg
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5.3. Overview & Discussion

Taking a holistic approach; one can make some compelling arguments to what occurs in the
low Reynolds transonic conditions typical for Mars. Primarily we have seen that a substan-
tially smaller Reynolds number, relative to those typical on Earth, has a substantial impact on
boundary- and shear-layer behavior, SBLI, and performance. The resulting smeared shock
has diminished the impact of the shock substantially while allowing for increased attached
flow due to the presence of the expansion fan allowing for a favorable pressure gradient. In
general, relative to the low Reynolds high subsonic conditions one would expect on Mars, the
transonic flight regime is either insignificant or mildly beneficial to performance. In general,
the difference is minuscule, though is compelling in stating that the key factor in the reduction
in performance for increasing Mach numbers at these conditions is not the shock, but due
to a combination of increased boundary layer stability and a deviation from compressibility
corrections.
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Figure 5.23: Comparison of Reynolds number impact on the suction side pressure distribution at M = 0.80 & a=
1deg. (NACA 0012 pressure distribution taken from [33])

Viscous effects have been seen to garner prominence at compressible conditions on Mars;
this is expected due to a decrease in Re, but as literature has stated, and as the results have
shown, M has a substantial impact as well. This is due to the increased impact of viscous
effects at low Reynolds numbers: the compressibility effects on viscosity dominate, as can be
seen in the pressure distribution, primarily in the magnitude of the suction peak. This change
has had a multitude of effects, but one that has not been detailed is the effect on the critical
Mach number, M,;;. the magnitude of Cp,,,;;, decreases with increasing M and thus a delay
in M.,.;¢ is seen; this can be noticed by considering two pressure distributions at M = 0.80
and a = 1deg (Figure 5.23). Both are considered at two different Reynolds numbers: Re =
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1.1 x 10*and Re = 1 x 10°. The airfoils are a NACA 0012-34 and NACA 0012 respectively.
The pressure distributions differ greatly and this is due to the viscous effects on Cp ,,,;,,. The
shock can be seen for Re = 1 x 10°, but is not present for Re = 1 x 10*. This indicates that the
suppression of the suction peak, Cp iy, delays the formation of the shock.

The paper initially aimed to investigate whether a shock at low Reynolds numbers would be
able to provide enough instabilities in the shear-layer in order to induce transition, and thus
promote reattachment: increasing the amount of attached flow over the airfoil surface. This
has been seen to not be the case, at least in the specific cases discussed. We have seen
instead that the destabilizing effect of the shock is inconsequential, and in fact counteracted
by the stabilizing effect of increased compressibility. However, the aft movement of the shock
at increased Mach numbers has allowed for favorable pressure gradients to keep the flow
attached longer, and combined with the diminished impact of a low Reynolds shock, and been
seen to potentially be relatively productive to performance, though as mentioned, this gain is
minute. What should be clear is that the main research question assumed the performance
increase would be as a result of an increase in attached flow, whether this is through delayed
separation, or encouraging the formation of a laminar separation bubble.

The smeared shock does not destabilize the boundary-layer enough in order to induce turbu-
lence immediately thereafter, and thus the subsequent reattachment of the separated shear-
layer fails to occur. In fact, due to the diminished interaction between the shock-wave and
the boundary-layer, along with the aft movement of the shock wave (and resulting adverse
pressure gradient); the boundary-layer stability increases. This is compounded due to the
stabilizing effect of compressibility on the Kelvin-Helmholtz instability, which could explain the
suppression of any vortex formation within the wake. The Reynolds number has been seen
to be significant as well, given that a Reynolds number deviation of less than one order of
magnitude has resulted in surprisingly substantial changes in performance above the critical
Mach number. The smeared shock and resulting lambda structure is highly dependent on the
Reynolds number, which in turn coupled with the Reynolds number’s effect on boundary layer
stability results in a complicated interchange and trade-off of the benefits and disadvantages
of either.

The hypothesis set out in this report was partially correct in its assumptions about the flow
physics at the conditions on Mars due in part to the diminished impact of shock-wave boundary-
layer interactions at low Reynolds numbers; separation is delayed due to the expansion fan,
but transition point is also delayed as well. Despite this, the conclusions with regards to lift-to-
drag performance are inconclusive, or slightly affirmative. The lift-to-drag performance does
slightly increase past the critical Mach number, but this is strictly relative to the high subsonic
performance at the same Reynolds number. In any case, these conclusions apply to a rela-
tively thick airfoil; a thinner airfoil suffers from less of an adverse pressure gradient, and thus
laminar separation occurs layer. At higher angles of attack for a thin airfoil, the sharp curvature
at the leading edge is detrimental due to the subsequent adverse pressure gradient, and thus
these findings may be useful in such a case.



6 Conclusion & Recommendations

The conditions on Mars provide an environment where transonic Mach numbers can exist at
Reynolds numbers between Re = 1 x 10* & Re = 1 x 10° with realistically achievable chord
lengths. One of the aims of this paper was to expand upon the work conducted by Anyoji et
al, who developed a Mars wind tunnel to analyze the flow behavior on Mars experimentally;
despite this, their wind tunnel was not capable of reaching Mach numbers well within the
transonic flow regime. In any case, the team discovered that the increased boundary layer
stability due to reduced Reynolds number and increased compressibility be detrimental for
performance, especially for thicker airfoils.

The hypothesis stated is correct in its prediction, but unsubstantial in impact. The diminished
shock impact on the boundary-layer, combined with the expansion fan, produces a surplus
of attached flow compared to the high subsonic case: the separation point is in fact delayed
due to the aft movement of the shock, but the transition point is delayed further as well due
to increased compressibility and a delay and weakening of the adverse pressure gradient,
despite the presence of a shock. The aerodynamic performance provides a more optimistic
view of the results. In terms of the question, while the aerodynamic performance does improve
relative to the high subsonic cases, and is a result of a delay in separation, and drag savings
due to the smeared shock. The gains in performance are unsubstantial, and performance
still falls below that of a flat plate. In conclusion, the specifics of transonic flight on Mars
provide an interesting look into low Reynolds numbers and could be applicable to other airfoil
configurations.

6.1. Recommendations

The interaction with compressibility and the Kelvin-Helmholtz instability could be an interesting
topic to expand into with regards to compressibility effects on Mars. The physical mechanism
for why compressibility has a stabilizing effect on the Kelvin-Helmholtz instability is known,
but how it impacts, and what occurs in the separated shear-layer for the discussed cases is
not. In similar terms, the effect of increased compressibility at low Reynolds numbers has
resulted in a dominance of viscous effects; this has been seen to have a substantial impact
on the pressure distribution, and a detailed analysis of this could be interesting. In terms of
methodology, conducting more resource-intensive numerical studies, or designing and devel-
oping a new or updated Mars wind tunnel for transonic flight conditions. The numerical method
used to approach this subject, while accurate enough to provide a general outline and relative
shifts in behavior, is lacking and fails to capture the smaller scales which would be interesting,
specifically with regards to the Kelvin-Helmholtz instability.
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A Ramp Simulations

The effect of the Reynolds number on shock-wave boundary-layer interactions has been dis-
cussed in Section 2.4.1; the Reynolds number has been seen to have a substantial effect on
the interactions and primarily has an effect of lessening and spreading out the change in key
flow parameters, such as pressure.

Whether or not the developed methodology can capture this behavior is unknown, as the shock
wave boundary-layer interactions discussed are heavily dependent on what occurs within the
boundary-layer, and thus the wall models utilized for a URANS approach may have an impact.
Ramp simulations were conducted in order to ensure the validity of the model, and gain further
insight into the SBLI in an isolated case study; The simulation considers supersonic flow over
a non-slip flat plate with a wedge, or ramp, placed after said plate. The purpose of the flat
plate is to develop the boundary-layer [48].

A.1. Methodology

The mesh and boundary conditions considered were similar to the validation mesh, with the
only difference being supersonic pressure inlet & outlets, a slip wall in place of a far-field, and
a flat plate + wedge in place of an airfoil. The lower boundary was replaced with a 0.05m
flat-plate, and a wedge with a 5 deg angle.

Figure A.1: Mesh of the Wedge Simulation [162,955 cells]
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The initial conditions are similar to those discussed in the previous Chapter, however, the Mach
and Reynolds numbers are different. Three Reynolds numbers were considered: 1 x 104,
1 x 10° & 1 x 10%. The Mach number of 1.4 was selected based on the peak Mach number
seen in the airfoil simulations, however, the exact value is not important. The deflection angle
of the wedge was selected in order to produce a weak shock (Figure A.2), and thus, a 5deg
deflection angle was selected.
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Figure A.2: Oblique shock charts [62]



76 A. Ramp Simulations

A.2. Results

Figure A.3 illustrates the relative change in wall pressure across a weak shock at various
Reynolds numbers; The pressure change is relative to the pressure prior to the shock forma-
tion, Py, and is defined by Equation A.1. The pressure change used here is done in order to
match that of the literature provided in Chapter 2.4.1, the pressure coefficient could also be
utilized. The shock occurs at x, = 0, where x, is the non-dimensional distance to the beginning
of the ramp, scaled by the length of the non-slip plate, c.

p, = _Ph (A1)
rel PO PO .

The results follow the same trend as the theoretical method discussed in Section 2.4.1, indi-
cating that a reduction in Reynolds number does lessen, and spread out, the impact of the
shock on the boundary layer. This does indicate that the methodology utilized can capture the
interaction between the shock wave boundary-layer discussed in Section 2.4.1.

Pressure Change across a Weak Shock
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Figure A.3: Change in pressure across a shock (x,/c = 0) at three Reynolds numbers: 1 x 10°, 1 X 10°, & 1 x 10*
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Figure A.5: Mach Contours Ramp M = 1.4, Re =1 x 10°
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Mach Contours: Re = 10,000
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B Pressure Distributions

M = 0.70, Re = 11,000

-1.5

1.5 l 1 1 1
0 0.2 0.4 0.6 0.8 1

x/c [-]

Figure B.1: Pressure Distribution: NACA 0012-34, M = 0.70, Re = 1.1 x 10* & a= 8deg
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Figure B.2: Pressure Distribution: NACA 0012-34, M = 0.75, Re = 1.1 x 10* & a= 8deg
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Figure B.3: Pressure Distribution: NACA 0012-34, M = 0.80, Re = 1.1 x 10* & a= 8deg
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Figure B.4: Pressure Distribution: NACA 0012-34, M = 0.85, Re = 1.1 X 10* & a= 8deg
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Figure B.5: Pressure Distribution: NACA 0012-34, M = 0.90, Re = 1.1 x 10* & a= 8deg
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Figure B.6: Pressure Distribution: NACA 0012-34, M = 0.95, Re = 1.1 X 10* & a= 8deg



82

B. Pressure Distributions

M = 0.85, Re = 20,000
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Figure B.7: Pressure Distribution: NACA 0012-34, M = 0.85, Re = 2 x 10* & a= 8deg
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Figure B.8: Pressure Distribution: NACA 0012-34, M = 0.90, Re = 2 X 10* & a= 8deg
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M = 0.85, Re = 30,000
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Figure B.9: Pressure Distribution: NACA 0012-34, M = 0.85, Re = 3 x 10* & ¢= 8deg
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Figure B.10: Pressure Distribution: NACA 0012-34, M = 0.85, Re = 4 x 10* & a= 8deg
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