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PREFACE

In light of finalizing the Bachelors degree at Delft University of Technology, nine Aerospace Engineering students
have performed a preliminary design study for a Fly-By-Wire (FBW) trainer aircraft with minimum direct operating
cost (DOC). In this final report, the latest results are presented. A baseline aircraft configuration is presented, with
the effect of different FBW configurations on this baseline aircraft and in particular the effects on the DOC.

The motivation for this study is the high accident rate in general aviation, which costs quite some lives. Most of
these accidents are caused by pilot error and are related to infrequent flying due to the high costs of flying. A FBW
trainer offers the opportunity to incorporate Flight Envelope Protection (FEP), preventing the pilot from stepping
outside the operational limits of the aircraft. This will increase the safety in general aviation.

This design synthesis exercise (DSE) was performed over a course of ten weeks, by nine Bachelor students at
the faculty of Aerospace Engineering at Delft University of Technology. The project was supervised by dr. Steven
Hulshoff, ir. Olaf Stroosma and dr. ir. Axelle Viré.

The group would like to thank their supervisors for their valuable feedback throughout the design process. We
would also like to thank ir. Ferdinand Postema for information on certification procedures, especially those that
were met for the university’s Cessna Citation II. Finally, we would like to thank dr. ir. Clark Borst for information on
the SAFAR project and on FBW systems in general. Fm
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SUMMARY

During the last 10 weeks, the preliminary design of a minimum fly-by-wire trainer aircraft was performed. This
section provides an overview of the design process as a whole.

Roskam’s preliminary design methods were used as a baseline during the course of this project. The applicable
steps from Roskam’s books were implemented into one MATLAB tool. First of all, the market was analyzed and the
size was determined. It was found that the market is not favorable at the moment, but it is anticipated that the
market will recover at one point. The final design is a conventional high wing aircraft with fixed landing gear. This
configuration was preferred to maximize market acceptance and minimize development risk and cost.

After choosing this configuration, the aircraft was designed in more detail. This was split up into different disci-
plines: structures, stability & control, aerodynamics, fly-by-wire, performance, and aircraft systems. In the structures
department, the wing box, the fuselage and the landing gear were designed. As prerequisite, a V-n diagram was con-
structed and a materials trade-off was performed. It was decided to use 7075-T6 aluminum for the wing box and
fuselage due to the good specific strength and stiffness properties, and to ease manufacturing, reducing cost. It was
possible to design steel landing gear with minimum maintenance and light weight. The static and dynamic stabil-
ity were analyzed, which gave input to sizing the stability and control surfaces. It was determined that the surface
areas of the horizontal and vertical tail should be 1.96 m2 and 0.68 m2 respectively. Furthermore the chord ratios of
the elevator, rudder and aileron were sized to be 0.358, 0.328, and 0.196 respectively. The dynamic behavior of the
aircraft was found to be acceptable for all modes; The phugoid proved to be the most critical. The first step in the
aerodynamics part was selecting an airfoil; For the main wing the NACA 3416 was finally selected. Thereafter the
lift and drag polars of the aircraft were constructed and the pitch moment was found. All three were found to be
satisfactory.

For the fly-by-wire system, different options were worked out. These options were using a full FBW system, a
FBW system with mechanical back-up, and one full FBW system with graceful degradation. It was concluded that
the option with mechanical back-up seemed the most feasible as it imposes the least development and certification
risk. Thereafter the flight envelope protection options were determined. The different options were full authority,
limited authority and auto-throttle. There is no clear winner, as it depends on the type of FBW system used. The last
part of the FBW system was looking into options for auto-land. No feasible options were uncovered at this moment,
however a precision approach can be achieved with a SBAS receiver.

The performance part was mainly a way to validate if the design meets the requirements set at the start of the
design. This was done by analyzing stall, take-off, climb, landing and speed characteristics, and comparing the
results to the requirements. The take-off distance and landing distance turned out to be 340 m and 317 m respectively
where they were required to be 500 m and 400 m. The rate of climb and climb gradient were 1605 ft/min and 0.3459
respectively where it was required that they should be 800 ft/min and 0.0833. A payload-range diagram and flight
envelope were created using the performance results. The fuel system, cockpit instrumentation, avionics, propulsion
and electrical system were sized. The most important conclusions were:

• All the fuel would fit in the wing;
• An off-the-shelf glass cockpit and avionics would be used;
• Rotax 912s as engine;
• The electrical systems needs to deal with peak loads of 670.5 W;
• The battery has to produce enough power to deal with the peak load.
Following from all of the design steps, a final design was created where the MTOW turned out to be 637 kg.

Further aircraft design process was analyzed and divided into five phases, being finish preliminary design, engineer
detailed design, perform testing, manufacturing and develop product support. The main actions for each phase
were identified. Then the cost of the project development and direct operating cost were estimated. The Eastlake
model was used for the development cost, which led to the minimum amount of aicraft that need to be sold per year
to break even. This was done for the 6 different variations of control system. The control system which led to the
least amount of aicraft that need to be sold, is the mechanical back-up with 12 aircraft per year. Also the market
share that is needed to break even is presented, for both a good and a bad market.

For the direct operating cost, a model was made using different components. The main contributors are fuel,
maintenance and insurance. So to minimize the direct operating cost, the specific fuel consumption, required main-
tenance and insurance should be minimized. It was found that the direct operating cost decreases when graceful
degradation is added. The DOC was determined to be between 65-67 euros/hr for private use and 47-49 euros/hr for
flight schools.

The main risk during further project development lies in certification of the aircraft using a FBW system. During a
requirement compliance check, it was found that this design meets all critical requirements. During a RAMS analysis,
the reliablity was determined to be sufficient, the availability was satisfactory, the maintainability was simple for this
configuration and the safety is increased due to the use of FBW.
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LIST OF SYMBOLS

Symbol Unit Description

αh [rad] Horizontal tail angle of attack
γ̄ [-] Average access thrust over weight ratio
ā [m s−3] Average decceleration
c̄ [m] Mean chord

w̄ [lbs ft−2] Maximum average control surface loading
¯xac [-] Normalized x-position of aerodynamic center to LEMAC
¯xcg [-] Normalized x-position of center of gravity to LEMAC
β [rad] Sideslip angle
δ [rad] control surface deflection
δ [mm] Deflection

∆n [-] Factor depending on pilot technique
δr [rad] Rudder Deflection

∆CL [-] Change in lift coefficient
Ṗ [rad s−2] Roll rate derivative
εw [rad] Wing twist angle
η [-] Actuator efficiency

ηr udder i
[-] Lower rudder position as percentage of vertical tail halfspan

ηr udder o
[-] Upper rudder position as percentage of vertical tail halfspan

ηia [-] distance of aileron to centerline as percentage of halfspan
ηia [-] Inner aileron position as percentage of wing halfspan
ηoa [-] Outer aileron position as percentage of wing halfspan
ηp [-] Propulsive efficiency
γ [-] Ratio of specific heats

γLOF [-] Access thrust over weight at liftoff
λ [-] Taper Ratio Wing

Λc/4 [rad] Quarter chord sweep
Λh [rad] Horizontal tail sweep angle
λh [-] Horizontal tail taper ratio
Λv [rad] Vertical tail sweep angle
λv [-] Vertical tail taper ratio
λw [-] Wing taper ratio

(L/D) [-] Lift over drag ratio
(T /W ) [-] Thrust over weight ratio
(W /P ) [N W−1] Power loading
(W /S) [N m−2] Wing loading

µ [Pa s] Dynamic viscosity of air
µ′ [-] Friction coefficient
µg [-] Wheel-ground rolling friction coefficient
ν [-] Poisson ratio
ω [rad s−1] Deflection rate
φ [-] Relative humidity
φ [deg] Twist angle
φ1 [rad] Bank angle at which steady state roll rate is reached
ρ [kg m−3] Density of air
ρ [kg m−3] Density

ρ∗w [kg m−3] Saturated water vapor density
ρ0 [kg m−3] Density of air at sea-level
ρh [kg m−3] Density of humid air
ρw [kg m−3] Actual water vapor density
σ [-] Density ratio
σc [N mm−2] Compressive Stress

σcr,E [N mm−2] Euler column buckling stress
σcr [N mn−2] Critical Stress
σm [N mm−2] Von Mises Stres
τ [-] Control surface angle of attack effectiveness parameter
τ [N mm−2] Shear stress
θ [deg] Deflection angle

θ f c [rad] Fuselage clearance angle
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Symbol Unit Description

a [m s−1] Speed of sound
A [-] Aspect ratio
a [rad−1] Wing lift gradient
A [mm2] Enclosed area

av t [rad−1] Vertical tail lift gradient
a0 [m s−1] Speed of sound at sea level

AR [-] Aspect ratio
ARh [-] Horizontal tail aspect ratio
ARv [-] Aspect ratio vertical tail

b [m] Wing span
Br [m2] Boom Area
br [m] Span of rudder

bsk [mm] Stringer spacing
bv [m] Span of vertical tail
bh [m] Span of horizontal tail

c [m] Chord length
ca [m] Chord length, aileron
cc [m] Chord length, control surface

CdCl =1.2
[-] Drag coefficient at Cl = 1.2

Cdcr ui se
[-] Cruise drag coefficient

CD0 [-] Zero-lift drag coefficient
CD [-] Drag coefficient

c f /c [-] Ratio of flap chord to tip chord
Chα [rad−1] Hinge moment coefficient derivative with angle of attack
Chδ [rad−1] Hinge moment coefficient derivative control surface deflection
Ch [-] Hinge moment coefficient
ch [m] Root chord of horizontal tail

Ch0 [-] Zero deflection hinge moment coefficient
CLαh

[rad−1] Horizontal tail lift gradient

CLαv
[rad−1] Vertical tail lift gradient

CLαw f
,CLαW

[rad−1] Wing lift gradient

Clδa
[rad−1] Aileron roll control derivative

Cldesi g n
[-] Design lift coefficient

CLmax, f l ap
[-] Maximum lift coefficient with full flaps

CLmaxclean
[-] Maximum lift coefficient, clean configuration

CLmaxl and
[-] Maximum lift coefficient, landing configuration

CLmaxT O
[-] Maximum lift coefficient, take-off configuration

CLmax [-] Maximum lift coefficient
CL [-] Lift coefficient

Cmδe
[rad−1] Horizontal tail lift gradient

CM [-] Pitching moment coefficient
Cnβw f

[rad−1] Weathervane stability for wing and fuselage

Cnβ [rad−1] Weathervane stability coeffcient

Cnβ [rad−1] Yaw moment coefficient derivative with angle of attack

Cnδr
[rad−1] Yaw moment coefficient derivative with rudder deflection

Cnδr
[rad−1] Rudder effectiveness

Cn0 [-] Yaw moment coefficient zero deflection, zero sideslip
Cr [m] Wing root chord
cr [m] Chord length of rudder
cv [m] Root chord of vertical tail
cv [m] Chord length of vertical tail

cw [m] chord length main wing
cw [m] Chord length, wing

Cyβ [rad−1] Side force coefficient per rad sideslip

Cyδr
[rad−1] Side force coefficient per rad sideslip

cgw [m] Wing center of gravity location
CGR [-] Climb gradient

D [N] Drag
dε/dα [-] Downwash gradient at horizontal tail

dc [m] Distance from aircraft center of gravity to aircraft center of side area in x-direction
Dp [m] Propeller diameter

E [s] Endurance
e [-] Oswald efficiency factor
E [N mm−2] Modulus of elasticity
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Symbol Unit Description

f [-] Ratio take-off to landing weight
Fdi ameter [m] Fuselage diameter

Fhei g ht [m] Fuselage height
Fleng th [m] Fuselage length

fr epl aced [-] Fraction of trainer aircraft replaced per year
fT O [-] Obstacle height

ftr ai ni ng [-] Fraction of total flight hours spend on training
Fw [N] Aircraft side force

g [m s−2] Gravitational acceleration
G [N mm−2] Shear modulus

g0 [m s−2] Sea level gravitational acceleration
h [m] Altitude

hai r cr a f t [hr] Average amount of flight hours per trainer aircraft
hL [m] Landing obstacle height

hPL [hr] Average hours required to obtain a pilot license
hSL [hr] Average hours required to obtain a student licence

hT O [m] Takeoff obstacle height
htot al [hr] Average amount of training hours in the US per year

I [A] Current
iw [rad] Wing incidence angle

Ixx [mm4] Area moment of inertia about the x-axis
Ixz [mm4] Product of inertia
Iy y [mm4] Area moment of inertia about the y-axis
Izz [kgm2] Mass Moment of inertia around Yaw-Axis
Izz [mm4] Area moment of inertia about the z-axis

k [-] Induced drag factor
kT P [-] Conversion factor from thrust to power

L [K] Temperature lapse rate
L [N] Lift
L [m] Section length

L/D [-] Lift to drag ratio
m [kg] mass

Mai r [g mol−1] Molar mass of air
MH [Nm] Hinge moments
MS0 [-] Sea level stall Mach number
MS [-] Stall Mach number

Mw [g mol−1] Molar mass of water
Mx [Nm] Moment around the x-axis
My [Nm] Moment around the y-axis
Mz [Nm] Moment around the z-axis

n [-] Load factor
nai r [mol] Amount of air molecules

nai r cr a f t [-] Total trainer fleet size
nnew ai r cr a f t [-] Average amount of aircraft replaced each year

ntot [mol] Total number of molecules
nw [mol] Amount of water molecules

P [W] Power
p [Pa] Pressure

p0 [Pa] Sea level pressure
Pa [hp] Power available

Pav ,Pav g [W] Average power
Pcont [W] Continuous power required
Ppeak [W] Peak power required

Pr [W] Power required
Pss [rad s−1] Steady state roll rate

PT O [hp] Takeoff power
qb [N mm−1] Basic open section shear flow
qs [N m−1] Shear flow

qs0 [N mm−1] Closing shear flow
qt [N mm−1] Torsional shear flow

qtot [N mm−1] Total shear flow
R [m] Range
R [J kg−1 K−1] Specific gas constant of air

RC [m s−1] Rate of climb
S [m2] Wing area

Sa [m2] Surface area of aileron
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Symbol Unit Description

sai r [m] Distance of air segment at landing
Sc [m2] Surface area of control surface
Sh [m2] Horizontal tail surface area

sL , sl andi ng [m] Landing distance
sLG [m] Distance of ground segment at landing

Sr [m2] Surface area of rudder
Ss [m2] Side body surface of aircraft

st ake−o f f , sT O [m] Take-off distance
Sv ,Sv t [m2] Vertical tail surface area

Sw f [m2] Fuselage wetted area
Sx [N] Shear force in x-direction
Sz [N] Shear force in z-direction
T [K] Temperature
T [N] Thrust
t [mm] Material thickness

t/c [-] Airfoil thickness-to-chord ratio
T0 [K] Temperature at sea level

tr ot∆δe
[s] Time to rotate control surface over 1 degree

tr ot [s] Time to rotate control surface over full range of motion
tsk [mm] Skin thickness
tss [s] Time required to reach steady state roll rate

T OP [N2 m−2 W−1] Take-off parameter
U [V] Voltage
U [m s−1] Velocity component along the xB axis
V [m3] Volume
V [m s−1] Velocity

V3 [m s−1] Decision speed
VA [m s−1] Approach speed
VC [m s−1] Design cruise speed

Vcr ui se [m s−1] Cruise speed
Vmax [m s−1] Maximum velocity
VsT O [m s−1] Takeoff stall speed

VS0 [m s−1] Stall speed at sea level
VSL [m s−1] Landing stall speed

VS [m s−1] Stall speed
VS [m s−1] Stall speed

VT D [m s−1] Touchdown speed
Vw f [m3] Wing fuel volume

Vx [N] Shear force in x-direction
Vy [N] Shear force in y-direction
Vz [N] Shear force in z-direction
W [N] Weight
W [m s−1] Velocity component along the zB axis

W /S [N m−2] Wing loading
WE [kg] Aircraft empty weight
W f [kg] Fuel weight

Wpl [kg] Payload weight
Wt f o [kg] Weight of trapped fuels and oils
WT O [N] Takeoff weight
xaca [m] Aerodynamic center location in x-direction
xcg [m] Center of gravity location in x-direction
xh [m] Horizontal tail location, x-direction
xv [m] Vertical tail location, x-direction
zh [m] Horizontal tail location, z-direction



ix Delft University of Technology08 - Minimum Fly-By-Wire Trainer

LIST OF ABBREVIATIONS

Abbreviation Description

AHRS Attitude and Heading Reference System
AKI Anti-Knock Index

AMOI Area Moment of Inertia
APU Auxiliary Power Unit

AR Aspect Ratio
c.g. Center of Gravity

CAD Computer Aided Design
CFD Computational Fluid Dynamics
CFIT Controlled Flight into Terrain

CFRP Carbon Fibre Reinforced Polymer
CGR Climb Gradient

CS Certification Specifications
DOC Direct Operating Cost
DSE Design Synthesis Excercise
FAR Federal Aviation Regulations

FBW Fly-By-Wire
FCC Flight Control Computers
FCS Flight Control System

FEM Finite Element Method
FEP Flight Envelope Protection
GA General Aviation

GBAS Ground-Based Augmentation System
GD Graceful Degradation

GNSS Global Navigation Satellite System
GPS Global Positioning System
GRP Glass Reinforced Plastic
IFR Instrument Flight Rules
ILS Instrument Landing System
ISA International Standard Atmosphere

MAC Mean Aerodynamic Chord
MLS Microwave Landing System

MMOI Mass Moment of Inertia
MTBF Mean Time Between Failure

MTOW Maximum Take-Off Weight
NACA National Advisory Committee for Aeronautics
OEW Operative Empty Weight

p.d. Preliminary Design
PL Private License

PPL Private Pilot License
RAMS Reliability Availability Maintainability Safety

RC Rate of Climb
RON Research Octane Number

SAFAR Small Aircraft Future Avionics Architecture
SAS Stability Augmentation System

SBAS Satellite-Based Augmentation System
SFC Specific Fuel Consumption

SL Student License
TBO Time Between Overhaul
VAT Value-Added Tax
VFR Visual Flight Rules

VGSL Visually-Guided Landing System
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1
INTRODUCTION

A big issue in general aviation is the fact that a lot of pilots fly infrequently due to financial restrictions. This lack of
practice may then lead to inadequate responses in difficult flying conditions, potentially with fatal consequences.
Furthermore, airspace becomes crowded as the aviation industry grows. Especially in Europe, this induces the need
for a smarter air traffic management system based more on digital than on analogue communications. [58] Current
general aviation aircraft are not yet sufficiently equipped to function within such systems. In addition to the prob-
lems for general aviation, commercial aviation will come to face a pilot shortage in the near future. [59] A solution
should be found to sustain the growing demands for air transport.

Currently, the cost of FBW systems is a major drawback to the development of fully fly-by-wire operated light
aircraft. The SAFAR project aims to develop the state of FBW technology to the point of practical application. Aurora
flight sciences has fitted a DA-42 with FBW and autoland and Diamond Aircraft is planning on introducing FBW op-
tions on some of their aircraft within the near future. None of them feature full FBW operations without mechanical
back-up.

Objective: To perform the preliminary design of a FBW light training
aircraft with minimum direct operating costs.

Within this report, a preliminary design study is performed for a light trainer aircraft featuring a fly-by-wire system.
The incorporation of fly-by-wire systems into light aircraft will increase their usability in future airspace environ-
ments, ensuring general aviation remains possible. The aircraft will tackle the safety issues within general aviation
using flight envelope protection and optional autoland functionality. A FBW trainer aircraft will also allow for more
cost-efficient training of commercial airline pilots for the larger FBW aircraft.

This design will aim to provide the benefits of FBW in safety to the light aircraft market, whilst minimizing oper-
ating costs to compensate for the inherently higher costs of FBW systems over the conventional mechanical options.

The starting point for the aircraft design is an analysis of the opportunities and development of the aircraft market
as described in Chapter 2. The process of designing the aircraft starts of in Chapter 3 with a definition of the design
approach for this minimum FBW trainer.

The first element of design is the description and illustration of the aircraft configuration as provided in Chap-
ter 4. Using this configuration, the structure is analyzed and designed for optimum performance in Chapter 5. Chap-
ter 6 then continues with a discussion of the aerodynamic properties of the aircraft.

Subsequently, the stability and controllability of the aircraft are analysed as discussed in Chapter 7. Following
this analysis, the FBW control system options are elaborated upon in Chapter 8. This leads up to an analysis of flight
performance, which is described in Chapter 9.

The major subsystems of the aircraft and their connections are discussed and sized in Chapter 10. From the
different elements of systems, structural design and aerodynamics, an overview of the integrated design is then
provided in Chapter 11. Chapter 12 describes the basics of operations and logistics for the aircraft.

The steps to be taken in future project development beyond this preliminary design study are determined and
summarised in Chapter 13. This is followed by an analysis of the aircraft cost in Chapter 14 and a technical risk as-
sessment for project development and aircraft operations in Chapter 15. Finally, in Chapter 16, the design is checked
for compliance with the requirements and, in Chapter 17, the aircraft is analyzed for reliability, availability, mainte-
nance and safety.

Chapter 18 then concludes the report and discusses recommendations for future work and research towards
development of this aircraft.
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2
MARKET ANALYSIS

To be able to derive proper requirements for the design and to make sure that the minimum fly-by wire aircraft will
be successful in the general aviation market it is important to perform a detailed market analysis. The aircraft design
is aimed at flight schools which require a safe and affordable aircraft to train their students. A secondary market
opportunity lies in the private owners who want a safe aircraft. In this chapter it is investigated what the size of the
primary market is. The main question is: how many FBW trainers can be sold to flight schools each year?

In order to answer this question first the general aviation market for trainer aircraft is analyzed in Section 2.1. This
is be done by analyzing the amount of aircraft required for the US market and extrapolating the result to the global
market. In Section 2.2 the current market for trainer aircraft is discussed. This is done by identifying competitors and
examining their sales over the last decade. In Section 2.3 these aircraft are analyzed for their operating and initial
unit cost. From that financial requirements can be derived to ensure the development of a competitive product.

2.1 GENERAL AVIATION MARKET
In this section the amount of aircraft required for training is estimated. This is done by estimating the amount of
aircraft required in the USA and extrapolating these results.

The estimation of trainer aircraft in the USA will be based on the number of Pilot Licenses issued. With that
number the amount of training hours is estimated. Then the fleet size is estimated based on the amount of training
hours. The market size is estimated from the fleet size.

Figure 2.1: Number of student certificates issued each year [1]

The pilot licenses (PL) and student licenses (SL) issued in the USA are depicted in Figure 2.1. It can be seen that
the amount of certificates obtained has slightly decreased over the last ten years. This decrease starts from 2008
which is also the beginning of the current economic crisis. After the crisis it is expected these numbers will recover
to the values before the crisis.

In this market analysis is assumed that the amount of PL and SL issued is constant to the average of the last ten
years. This is a conservative guess, since this data is affected by the economic crisis.

The average amount of student pilot licenses issued is approximately 57,000 per year. The average pilot spends
35 flight hours to obtain this license. Another 25 to 35 hours is needed to obtain a PPL. The average amount of Pilot
Licenses issued each year is 33,000. This number includes private, commercial and transport licenses.

With these numbers, the amount of training hours can be estimated using Equation (2.1). It is assumed that
everyone who obtained a pilot license already has a student license. This is represented in the value of hPL , which is
30 hours. Another assumption is that, on average, everyone who gets a pilot license flies 65 hours in a single piston
aircraft. With these assumptions it follows that 1.83 million flight hours are spent on training purposes in the USA
alone.

htot al = nSL ·hSL +nPL ·hPL (2.1)

Now the fleet size can be estimated. A trainer aircraft flies a thousand hours per year on average [60]. It is as-
sumed that 70 to 90% of these hours is used for training. The other 10 to 30% accounts for rentals. This number is
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a conservative guess and more research has to be done to determine the exact ratio between rentals and training.
With these values the number of aircraft required can be calculated using Equation (2.2).

nai r cr a f t = htot al
hai r cr a f t · ftr ai ni ng

(2.2)

With the current fleet size known, now the question becomes how many aircraft can be sold. Unfortunately, the
fleet size does not grow. The fleet size will grow with -0.1%per year over the next 20 years [2], so it essentially stays
constant. This means the number of aircraft sold is equal to the number of aircraft retiring

So how many trainer aircraft retire each year? For the market in general the numbers are very bad. From Figure 2.2
it becomes apparent that only 1.5% of the GA fleet is replaced per year. During the crisis this even dropped to 0.5%.

Figure 2.2: Replacement rate of GA fleet per year [2]

Fortunately flight schools appear to replace their fleet more often. Not many flight schools publish the date of
manufacture of their aircraft, but the registration numbers of their aircraft can be looked up. By doing this it was
discovered that flight schools barely have any aircraft over forty years of age. Therefore the assumption is made
that a flight school replaces its fleet once every 40 years. This corresponds to a replacement rate of 2.5%. With this
number the market size in the USA can be calculated by using Equation (2.3).

nnew ai r cr a f t = nai r cr a f t · fr epl aced (2.3)

Note that this market size does not take into account the state of the economy. It is just the average market
size. When this aircraft will enter the market after the crisis, the market will probably be even bigger. As can be
seen from Figure 2.2, the market size can vary by 300% within a few years. Therefore the market might grow bigger
than the current average. Since the aircraft will preferably enter the market when the economy is healthy again, it is
reasonable to assume an above average market. Therefore a market size of 1.0 to 1.7 times the average market size is
assumed.

Finally the result from the US market must be extrapolated to the global market. This extrapolation will be based
on the GA fleet size worldwide and in the US. The global GA fleet size is approximately twice the size of the US GA
fleet size. [2] Therefore it will be assumed that the market is twice as big as well.

With all the values above, the market size can be calculated. Since a few variables are not exactly known, but
specified as a range, the worst case scenario and best case scenario are calculated. Putting in the values as specified
in this section leads to a market size of 84 to 272 aircraft sold per year. When taking the 25% and 75% values as upper
and lower limits, the size of the primary market becomes 124 to 219 aircraft per year.

2.2 CURRENT AVIATION MARKET
The overall US single piston engine aircraft sales are depicted in Figure 2.3. It can be seen that the market sales after
the financial crisis between the years 2009-2013 are still only about one third of the sales in the pre-crisis period of
2004-2008. Leading to the conclusion that this particular market is still in a deep crisis. Cause is the fact that USA
and particular the US job market still have not recovered from the financial crisis. Private owners are directly driving
the piston engine sales. Since the overall outlook for the US job market is only moderate, a fast recovery cannot be
expected in the near future [61].

Overall sales data for European manufactured single piston engine aircraft are available in the period between
2011 and 2013. Sales average around 220 aircraft a year in this period. Press releases for Grob Aircraft AG and Dia-
mond Aircraft Industries show that both companies had difficulties to survive the financial crisis and were only able
to maintain operation with massive lay-offs and new investors [62, 63].

For the market analysis comparable aircraft were selected. Following selection criteria lead to a list of aircraft
shown in Table 2.2.
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Figure 2.3: US single piston engine aircraft shipments between 2003 and 2013 [2]
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Piper PA-28-181 Archer III

Cessna 172S Skyhawk SP

Figure 2.4: Shipments per model [2]

• Aircraft from established manufacturers

• Lower/Lowest series aircraft of the respective manufacturer

• Still in production

• Maximum of 5 seats

• Single piston engine

Sales of some of the reference aircraft are shown in Table 2.1. The same drop in sales around the years 2008/2009
is observed as shown in Figure 2.3. Especially the sales of the Diamond DA-20, which is very similar to the aircraft
that has to be developed, have not recovered but even dropped during the year 2013 to 14 shipments. The sales of
the four-seat aircraft depend largely on the aircraft. While the sales of the Cessna 172S and the Cirrus SR22 are stable,
the sales of the Cirrus SR20 decreased.

It has to be concluded that the market outlook for a two-seat training aircraft is negative at the present time.
Therefore it is advised to wait to develop this aircraft until the market starts recovering.

Table 2.1: Shipment of General Aviation Aircraft [2]

Year Diamond DA-20 Cirrus SR-20 Cirrus SR-22 Maule M-7-260, C Piper PA-28-181 Archer III Cessna 172S Skyhawk SP Total

2003 75 112 355 4 49 291 886
2004 58 91 459 3 19 204 833
2005 54 116 475 4 16 314 979
2006 55 150 565 2 29 322 1123
2007 58 112 588 4 16 240 1018
2008 69 115 427 4 7 228 850
2009 14 28 240 4 1 110 397
2010 31 42 165 0 21 77 336
2011 34 48 105 1 2 77 267
2012 32 84 81 3 4 113 317
2013 14 32 112 4 48 106 316
Total 494 930 3572 33 212 2082 7323

2.3 COST ANALYSIS
The cost analysis consists out of two parts, the analyses of the initial purchasing cost of the aircraft which have to be
paid once at the beginning and the operating cost which occur during the lifetime of the aircraft. The first one will
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impact the resources needed at the start while the second influences the cost of each individual flight.
In Table 2.2 the previous presented reference aircraft are shown with data on their unit cost, engines, propellers

and performance indicators. Both the engines and propellers have a TBO, time before overhaul, which indicates the
time after which the part has to be sent back to the manufacturer for a complete overhaul. By inspecting the table
one can see that these cost are usually one third of the cost of a new part. Where necessary prices were converted
from dollar to Euro with the exchange rate from the 28th of April 2014 [36].

Table 2.2: Reference aircraft data for cost analysis [8–36]

Aircraft Diamond
DA20-A1

Diamond
DA20-C1

Grob G115E Grob G120A Cirrus SR20
G3

Cirrus SR22
G5

Maule MT-7-
260

Piper Archer Cessna 172S
Skyhawk

Price starts at (e) 122920 135360 288000 ? 251928 346968 165837 243853 208440
Engine Rotax 912 S3 Continental

IO-240-B3B
Lycoming
AEIO-360-
B1F/B

Lycoming
AEIO-540-
D4D5

Continental
IO-360-ES

Continental
IO-550-N

Lycoming IO-
540-V4A5

Lycoming-0-
360-A4M

Lycoming IO-
360-L2A

Engine TBO (h/yr) 2000/15 2200/12 1600/6 1400/6 2200/12 2200/12 2000/12 2000/12 2000/12
Engine overhaul cost (e) 7000 11952 12802.32 16380 16840.8 19411.92 19637.28 11769.12 12802.32
Engine Price (Europe) 21700 21434 39849 54223 26019 27739 48490 32070 36966
Propeller Hoffmann

HO-
V352F/170FQ

Sensenich
W69EK7

Hoffmann
HO-V 343
K-V/183 GY

Hartzell
HC-C3YR-
1RF/F7663R

Hartzell P/N
PHC-J3YF-
1MF/F7392-1

Hartzell
PHC-J3Y(1)F-
1N/N7605(C)(B)

Hartzell
HC-C2YR-
1BF/F8477D-
6

Sensenich
76EM8S14-0-
62

McCauley
1A170E/JHA7660

Propeller Cost (e) 5665 1047.6 12966 12549.6 12257.28 23692.32 10663.2 3326.4 ?
Propeller TBO (h)/(yr) 1500 ? ? 2400/6 2400/6 2400/6 2400/6 ? 2000/6
Propeller overhaul cost (e) 2190 ? ? 2412 2145.6 3312 1944 ? ?
Fuel RON 95/AKI

91/100LL
Avgas

100/100 LL 100/100 LL 100/100 LL 100/100 LL 100/100 LL 100/100 LL 100/100 LL 100/100 LL

Fuel consumption (75% Power) 18.5 30 41.64 71.92 48.55 61.11 56.78 36.72 33.31
Fuel cost (incl. VAT,e) 1.82 2.92 2.92 2.92 2.92 2.92 2.92 2.92 2.92
Fuel Cost per hour (e/h) 33.73 87.60 121.59 210.01 141.77 178.44 165.80 107.22 97.27
OEW (kg) 510 529 685 960 943 1009 769 776 744
MTOW (kg) 750 800 (750) 990 1490 1383 1542 1134 1157 1157
Useful Payload (kg) 240 271 (221) 305 530 440 533 365 381 416
Max Range (km) 927 1013 1129 1537 1453 1500 1118 967 1125
Crew+Pax 2 2 2 2 5 5 5 4 4
Cruise Speed (km/h) 215 219 278 307 306 339 264 237 230

2.3.1 UNIT COST
Looking at Table 2.2, the base unit price of each reference aircraft can be found. For the two-seat Diamond DA20
it ranges between e122,920 and e135,360 depending on which model is chosen. All of the four-seaters are more
expensive and range betweene200,000 toe350,000. This is due to an increase in weight which requires a bigger en-
gine and propeller. Additionally four-seater aircraft are used also for cross country travelling besides flight training.
Due to this fact they offer a wide range of extras to make the aircraft more comfortable.

All of the reference aircraft except the Diamond DA20-A1 use either a Continental or Lycoming engine. These
engines originate back to the 50’s and 60’s but received upgrades over the years and therefore can be still competitive.
Further they have proven their design and reliability during the years of operation. However from the Rotax 912S it
can be seen that new engine can reach these levels as well. The engine costs make up a big fraction of the overall
aircraft cost.

From Table 2.2 becomes obvious that the price scales with the engine displacement and therefore engine power.
For example an engine with a displacement of 360 cubic inches averages at approximately e35,000. Whereas the
Continental IO-240-B3B with its 240 cubic inch displacement costs only around e21,500. Thus to bring down the
purchasing cost of the aircraft the smallest engine has to be used which still can satisfy the performance require-
ments.

Another major part of the aircraft costs is determined by the use of the propeller. Factors that influence this part
will be the material and the number of blades. In Table 2.2 it can be seen that the DA20-C1 has a very cheap, wooden,
two-bladed Sensenich propeller. When comparing it to the composite, three-bladed Hartzell propeller on the Cirrus
SR22 there is a difference of arounde22,500. The medium-priced propellers are usually made from aluminum.

The performance and payload requirements of the aircraft are similar to the Diamond DA20. The unit cost how-
ever of the aircraft design is going to be higher compared to the DA20 due to the fly-by-wire system that will be
incorporated. It will require some amount of redundancy leading to a higher number of actuators, sensors and com-
puters. Further the development and certification cost of the fly-by wire system are going to increase the price of the
aircraft until the break even point is reached. Another feature that is going to increase the price of the aircraft is the
exchangeable auto-land system which is going to contain additional sensors and communication equipment. On
the other side not one system is required per aircraft. Flight schools can invest in a couple of aircraft but only buy
one auto-land system which can be utilized in any of these aircraft on a demand basis.

From the unit price of the reference aircraft is becomes apparent that the unit price of the aircraft should lie
between the price of a Diamond DA20 and a Cessna 172.

2.3.2 OPERATING COST
The operating cost can be split up into several categories: fuel cost per hour, oil cost per hour, the engine overhaul
and the propeller overhaul, inspection and insurance cost. Further costs are going to arise for general repairs, like
exchanging a bearing on a control surface. To keep the cost analysis simple only the fuel cost per hour, the engine
overhaul cost and the propeller overhaul cost were determined.

The fuel cost per hour depends on the fuel consumption and the type of fuel consumed of each engine. The
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overhaul costs and time before overhaul for the engines and propellers are defined by the respective manufacturers.
Overhaul has to be performed on a ’what is reached first basis’. meaning that the overhaul either has to be performed
after the operation hours or after the specified years. However a TBO of for example 2000 hours does not mean that
the engine will reach this lifetime without maintenance. Sometimes it becomes necessary to perform an overhaul
even before the official TBO has been reached.

In Table 2.2 the data on the fuel consumption of each engine can be found. What immediately stands out is
the fact that the Diamond DA20-A1 does not use Avgas 100/100 LL but is able to use automotive fuel (RON 95/AKI
91) which will save on operating costs enormously. The price of Avgas was e2.92 per liter at Teuge Airport on the
03.04.2014, while the average Dutch price of automotive fuel was arounde1.82 per liter on 28.04.2014. So having an
engine which runs on automotive fuel is an important step in minimizing the operating costs.

The overhaul times and costs are taken from the manufacturer’s manuals. The TBO for the engines varies any-
where between 1,400 and 2,200 flying hours or 6 to 15 years, whichever comes first. The longer the TBO is, the
longer the engine will last according to the manufacturer. Overhauling the engine also varies per model from close
to e7,000 up to almost e20000, making it a cheaper option than replacing the entire engine. The same principle
applies to overhauling the propellers. The TBO varies between 1,500-2,400 hours or about six years. The overhaul
cost for the propellers is between aboute2,000 toe3,000, again the composite propeller on the SR22 being the most
expensive one.

2.4 CONCLUSION
Based on the findings from the market and cost analysis some recommendations can be derived. First the market for
single engine piston aircraft is rather small at the moment and a lot of companies are competing against each other.
At the present time there does not seem to be any profitable market for two-seat trainer aircraft as can be deduced
from the low sales of the DA20. This is supported by the fact that the DA20 is an aircraft which has in comparison
with its market competitors a significantly lower unit and operating cost.

Therefore it is advised to wait until the market recovers from the current economic crisis. This will give a market
size of around 160 aircraft per year. Whether this market is big enough to make any profit will depend on the price
and DOC of the minimum FBW trainer. This will be determined in Chapter 14.
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3
DESIGN APPROACH

The purpose of this chapter is to discuss the design approach for the second phase of the preliminary design of a
minimum FBW trainer. The first phase has been discussed in [64]. This chapter is structured as follows: Section 3.1
gives the functional flow diagram, with the functions for which the aircraft is designed. In Section 3.2, verification
& validation is discussed. Then, in Section 3.3 the approach to sustainability is discussed. Section 3.4 gives a brief
overview of the design approach, Section 3.5 describes the design steps of the second preliminary design sequence,
Section 3.6 presents and discusses the N2-chart governing preliminary design (p.d.) sequence II.

3.1 FUNCTIONAL FLOW DIAGRAM
A functional flow diagram has been made based on the functional break-down. The full functional flow diagram and
functional break-down can be found in Appendix A. Zoomed-in parts of the functional flow diagram are discussed
in the following sections.

3.1.1 PRE-FLIGHT INSPECTION
When one zooms-in on the pre-flight inspection, the functional flow for this part can be found in Figure 3.1.

Figure 3.1: Functional flow diagram of pre-flight inspection

Before every flight, the pilot should check/inspect the cockpit systems, airframe, control surfaces and the engine
compartment. When something is found to be out of order, for example, oil drips are found in the engine compart-
ment, the aircraft should be sent in for maintenance.

Next to maintenance related inspections, the pilot should inspect the fuel level. When this fuel level is not enough
to perform the planned training, the aircraft should be refueled.

3.1.2 TAXI
When the aircraft has passed the pre-flight inspection, the taxi operations can be initiated. The functional flow
diagram of taxi operations can be found in Figure 3.2.

Figure 3.2: Functional flow diagram of taxi

The pilot has to establish communication with the tower and start the engine of the aircraft. After that, the aircraft
has to accelerate and taxi to the runway. The pilot initiates take-off flaps and trims the aircraft in order to be able to
rotate later during take-off.

3.1.3 TAKE-OFF
Following the taxi operations, the aircraft is ready to start take-off. The take-off functional flow diagram can be found
in Figure 3.3.
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Figure 3.3: Functional flow diagram of take-off

The pilot has to request the take-off. When take-off permission is not granted, the pilot has to wait and try again or
follow orders from the tower.

When take-off permission is granted, full engine power has to be applied and the aircraft has to accelerate. If the
decision speed (V1) is not reached in time, the take-off should be aborted and the cause of the low acceleration has
to be found during maintenance. If the decision speed is reached in time, the aircraft should accelerate further to
rotation speed and then rotate and lift off. The climb is then initiated.

3.1.4 TRAINING
At the moment the aircraft has reached the desired altitude, the planned training can be started. The functional flow
of the different flight training profiles can be found in Figure 3.4.

Figure 3.4: Functional flow diagram of specific training profiles

The first training profile that has been shown in the functional flow diagram is the cross-country flight. This simply
consists of a cruise flight.

The second profile shown in the functional flow diagram is the standard circuit pattern This includes flying a
circuit, descent, touchdown and followed by a climb back up for the next circuit. This means that the pilot does a
couple of go-around maneuvers in this training profile.

The third profile shown is the stall training profile. As the aircraft includes flight envelope protection (FEP), which
does not allow stall, the FEP first has to be disengaged. Subsequently, the pilot cruises, stalls the aircraft, recovers
from stall and climbs again. Before the landing is initiated, it is highly advisable to re-engage the FEP.

The last training profile is simulated engine failure. In this training, the engine setting is changed to idle power.
The pilot is now obligated to glide the aircraft towards an airport (while protected by FEP). When the aircraft touches
down, a go-around will be initiated and the aircraft will climb again.

3.1.5 LAND
After the specific flight training, the landing has to be initiated. The functional flow diagram of the landing can be
found in Figure 3.5.

Figure 3.5: Functional flow diagram of landing

The pilot first has to request permission to land. When permission is not granted, he either has to hold or diverge to
another airport as instructed by the tower.
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When landing permission is granted, the pilot has to fly the approach to the airfield. If he is not capable of doing
it himself, the auto approach function can be used.

When the approach is done, the flare and touchdown are performed and the aircraft decelerates to taxi speed.
Finally, the aircraft is taxied back to the hangar.

3.1.6 DEBRIEF
The debrief can be initiated when the student pilot arrives at the hangar. The functional flow of the debrief can be
found in Figure 3.6.

Figure 3.6: Functional flow diagram of debrief

First, the recorded data has to be downloaded from the flight computer, for example using a laptop. The data can
then be displayed using visual tools. In this way, the student can receive valuable feedback. The instructor can show
him, for example, when he reached the boundaries of the flight envelope and how to prevent that in the future.

3.1.7 MAINTENANCE
Every 50 or 100 flight fours, the aircraft goes into maintenance. A more elaborate description of maintenance can be
found in Chapter 17. However, a basic version of maintenance procedures can be found in Figure 3.7.

Figure 3.7: Functional flow diagram of maintenance

During maintenance the engine, fuel system, landing gear, airframe, control systems and propeller have to be in-
spected. Failed or damaged parts are then either repaired or replaced.

3.2 VERIFICATION AND VALIDATION PROCEDURES
In Figure 3.8 the validation and verification procedure is broken down into its components [3]. Firstly, on the left side
of the diagram, the requirements are defined , moving from general mission requirements over system requirements
to subsystem requirements. On the right side of the diagram, the systems are designed and then merged step by step
starting with the subsystems design, followed by system design and ending with a design capable of performing the
mission, elaborated upon in Section 3.2.2.

Figure 3.8: V-model for Verification and Validation [3]

3.2.1 DECOMPOSITION AND REQUIREMENTS FLOWDOWN
Starting from the given mission requirements, the system and subsystems requirements were developed based on
the VALID rule [3]. For each component there were some limiting requirements, which needed to be identified and
taken into account in the design steps. All requirements were validated upon definition and collected centrally.
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3.2.2 INTEGRATION AND DESIGN SYNTHESIS

SUBSYSTEM DESIGN

The aircraft features many subsystems and design elements, namely the landing gear, wingbox, fuselage, control
system, aerodynamics, stability and control, fuel system, cockpit instrumentation, avionics and electrical power.

Each subsystem is verified and validated during development, and it is designed based on the developed re-
quirements. For the systems incorporated into the MATLAB iteration procedure, this verification is performed whilst
writing the software.

SYSTEM DESIGN AND MISSION CAPABILITY

Once the system design is finished, the product needs to be verified. The mission requirements which were defined
in the baseline report [50] are compared to the obtained design results in Chapter 16.

3.2.3 VERIFICATION AND VALIDATION
The design solution is verified with the defined requirements and validated with stakeholder requirements; based
on this analysis, all of them show compliance with the requirements. Nevertheless, uncertainty remains regarding
the certification of the system.

All results from computational models and handmade calculations were compared with standard literature and
reference data. These procedures are explained in each corresponding chapter. The performed tasks are sufficient
at this stage of the preliminary design, and it is recommended to continue these procedures in the following design
stages applying the guidelines provided in the documents DO 178-C.

3.2.4 INTERNAL QUALITY CHECKS
At the start and end of each day, a briefing and debriefing meeting is conducted. In the briefing, the general progress
is discussed and everybody presents their current work and when they expect it to be finished. In the debriefing,
every member communicates how much he progressed and if he can meet his deadline. When a member ran into a
problem, he first consulted with a colleague which could help him with the problem. If both team members could
not get to a solution, the whole group was consulted.

Not only the feasibility of the final results, but also the results of the individual design steps were checked with
reference aircraft on feasibility, preferably by a team member not involved in the design of that part. In order to verify
the requirements, it is recommended to use CFD-simulations to check the results.

Lastly major design decisions, which influence the total design where first discussed within the group. This way
it was made sure everyone knew what which major decision have been made.

3.3 SUSTAINABILITY
Sustainability plays an important role in aircraft development. This section first discusses sustainability on a social
and economic level and then describes the influence and considerations in design of environmental sustainability.

3.3.1 SOCIAL AND ECONOMIC SUSTAINABILITY
The general aviation (GA) market is a tough market. Flying has never been cheap, fuel prices continue to rise and the
current economic crisis has its impact as well.

general aviation is also confronted with high accident rates. The rate of fatal accidents is 50 times higher com-
pared to commercial aviation. 80% of these accident have pilot related causes. 64.3% of these pilot related causes
are due to personal error. Another 22.1% is caused by insufficient training.

Figure 3.9 provides an overview of causes for instructional aircraft accidents. The four most common causal fac-
tors are: failure to maintain directional control, failure to maintain airspeed, inadequate supervision and stall/spin.
These numbers are unacceptable and can be reduced when using FBW technology already applied in the aviation
industry. By removing these accident sources, this technology can reduce the accident rate by at least 50%.

In order to give GA a sustainable future, a new generation of aircraft is needed. These aircraft must provide safety
using FBW technology while keeping flying affordable by minimizing purchase cost and direct operating costs.

The minimum-FBW trainer which is developed will be part of this new generation. Safety will be provided by
including FBW technology. With this technology it is possible to mitigate the causal factors mentioned above. Pilot
errors will no longer be fatal, but corrected by the FBW system. This will decrease the accident rate by at least 50%.

The minimum FBW trainer will also be optimized for low DOC. The main contributors to DOC are fuel cost and
insurance. The fuel consumption will be minimized by optimizing for minimum weight and maximum aerodynamic
performance and time will be devoted to select a fuel efficient engine. On the long term insurance rates will probably
drop as well. This will be due to lower accident rates. Insurance companies have to turn out less money and reduce
the insurance rates. This makes the minimum FBW trainer not only a safe aircraft, but also an affordable one.

3.3.2 ENVIRONMENTAL SUSTAINABILITY
An important aspect of sustainability is the environmental impact of the aircraft. The biggest impact on the environ-
ment comes from the fuel of the aircraft.
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Figure 3.9: Frequency of reported causal factors in general aviation instructional loss of control accidents [4]

The impact of fuel on the environment depends on two things. First the type of fuel. In general aviation Euro 95
and Avgas are used. The biggest difference between these two is that Avgas contains lead. This is a toxic material.
Long term exposure to small concentrations damages the central nervous system and several other systems in your
body [65].

At this moment Avgas is a major contributor to the lead emission in the USA. A lead free version of Avgas still has
to pass certification and will not be compatible with all current engines [66]. Euro 95 on the other hand is lead free.
Therefore an engine which runs on Euro 95 will be selected.

The impact on the environment also depends on the amount of fuel burnt. The less fuel burnt, the lower the
impact on environment. Therefore time and resources will be attributed to find ways to reduce the fuel consumption
of the aircraft by optimizing the aircraft for minimum weight and high aerodynamic performance. Additionally, time
is devoted to the selection of a fuel efficient engine.

Other contributors to the environmental impact of an aircraft are manufacturing and recyclability of the aircraft.
During manufacturing the use of environmentally friendly manufacturing techniques are important. The amount of
waste material has to be minimized and reused when possible.

In this feasibility study not much time will be devoted to manufacturing, so at this point it is not possible to go
into detail about sustainability during manufacturing. It is recommended to do this in later stages of the design.

At the end of the operational lifetime the aircraft must be dismantled. It is preferable that large parts of the
aircraft can be recycled. This reduces the environmental impact of the aircraft. Therefore recyclability will play a role
in material selection. Special attention is paid to the airframe material and the selection of the batteries.

The airframe is important since it accounts for approximately half of the aircraft empty weight. The batteries are
important since most battery types contain toxic materials which are hard to recycle.

The airframe generally consists of composites or aluminium. Composites are the lightest option and reduce
the overall weight and fuel consumption of the aircraft. However, composites are more expensive since it makes
manufacturing relatively labour intensive. Another disadvantage is the absence of an (environmentally friendly)
recycling technique. Aluminum on the other hand is easily recyclable using only five percent of the energy required
to acquire it from bauxite [67]. This makes aluminium probably the most sustainable solution. The trade-off between
these materials is made in Section 5.1.

Selection of the batteries also largely influences the sustainability of the aircraft. Large battery packages can
add a significant amount of weight to the aircraft and some kind of batteries contain all kind of toxic materials.
Recyclability is also an issue. A good pick is probably Li-ion batteries. These batteries have a high energy density and
are recyclable. However, these batteries have a failure rate of 10−7 [68]. Therefore these batteries can not be crucial
for the aircraft. A trade-off on battery selection is done in Section 10.6.3.

3.4 OVERVIEW
In the preceding report (Ref. [64]) the execution of the first phase of the preliminary design of a minimum FBW
trainer was described. Roskam’s method for the preliminary design of aircraft [39, 52–57, 69] was chosen to be used
for that purpose. Part II of Roskam’s eight books citeroskamII contains the step plan that governs the entire prelim-
inary design process. It is broken up into two isolated phases referred to as p.d. sequence I and II. These phases
roughly correspond to first applying Class I methods in sequence I and then Class II methods in sequence II.

The preliminary design process of a minimum FBW trainer was continued following steps of p.d. sequence II
(steps 17-36). The steps can be divided into four specialist categories being: aerodynamics, flight performance and
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mechanics, structural design and production aspects, and systems design and layout. To improve the detail and
quality of the design and analysis the group was divided into groups corresponding to these specialisms.

3.5 PRELIMINARY DESIGN SEQUENCE II
The purpose of this section is to describe the steps of p.d. sequence II specifically for the purpose of designing
a minimum FBW trainer. The reader is taken through the preliminary design sequence from Roskam step by step.
However, due to time constraints these steps are not followed to the letter. For example, the amount of CAD drawings
made in this project is lower than Roskam suggests.

STEP 17
Step 17 is dedicated to systems design and layout. It takes as input the CAD drawings from p.d. sequence I and
any requirements and constraints that influence the design and layout of all important systems. Ref. [39] contains
a detailed description of all aircraft systems and includes methods to design and layout them. This step can be
broken up into three substeps to be executed in order. First all major systems of the aircraft shall be listed. Then a so
called ’ghost’ view shall be prepared for each system in full CAD showing their arrangement and routing through the
aircraft. Finally, by analyzing a combined ghost view including all systems, the systems shall be deconflicted and a
final ghost view of all the systems in the aircraft shall be prepared in full CAD.

Note that for this specific design case, the design of a minimum FBW trainer, the fly-by-wire system shall also be
designed. Since FBW is an important driver in this project extra effort shall be put into working out this system in
as much detail as possible. Ghost views of the FBW system shall show all different subsystems, their location and
arrangement in the aircraft and routing of the connections between them. Extra care shall also be put into effectively
separating the redundant copies for safety aspects. Note that separation shall also be shown for all other redundant
systems.

In Table 3.1 the input and output of this step is tabulated.

Table 3.1: In- and output of step 17

Input Output
CAD drawings from p.d. sequence I Ghost views of each major system
Constraints/requirements on systems Combined ghost view of all systems

STEP 18
Step 18 is dedicated to systems design and layout as well. Again it takes the CAD drawings from p.d. sequence I.
Furthermore it takes as input all requirements and constraints that influence the design and layout of the landing
gear system, including tires, strut design, retraction scheme and disposition of the landing gear. Chapter 2 of Ref.
[39] contains descriptions of all possibilities and contains methods to size and design the landing gear system. This
step shall result in choosing the landing gear tires to be used and corresponding performance data (loads, deflec-
tions, shock absorption), a detailed description of the landing gear struts (CAD drawings, load calculations, shock
absorption), schematic drawings showing the retraction scheme if applicable, a detailed description of the ground
performance (turn radii, steering systems, braking systems) and a detailed description of the landing gear configu-
ration and layout (CAD drawings and three-views, load calculations).

In Table 3.2 the input and output of this step is tabulated.

Table 3.2: In- and output of step 18

Input Output
CAD drawings from p.d. sequence I Detailed description of tires to be used
Constraints/requirements on landing gear system Detailed description of landing gear struts

Detailed description of retraction scheme (if applicable)
Detailed description of ground performance
Detailed description of landing gear configuration and layout

STEP 19
Step 19 is the first of a set of 5 steps that are dedicated to the structural design and layout of the entire aircraft.
This step takes the CAD drawings from p.d. sequence I. Chapter 7 of Ref. [54] contains a step-by-step method to
be executed in this step. The output of this step is a CAD drawing of the structural design and layout of the entire
aircraft. It also serves as a basis for structural weight estimations to be performed at a later stage.

In Table 3.3 the input and output of this step is tabulated.
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Table 3.3: In- and output of step 19

Input Output
CAD drawings from p.d. sequence I CAD drawings of structural design and layout

STEP 20
The goal of step 20 is to construct the V-n diagram for the aircraft. Section 4.2 of Ref. [55] contains a step-by-step
method to achieve that. It takes as input any requirements and constraints that influence the V-n diagram. Further-
more it takes as input all parameters from p.d. sequence I that influence the V-n diagram.

In Table 3.4 the input and output of this step is tabulated.

Table 3.4: In- and output of step 20

Input Output
Constraints/requirements of influence V-n diagram of the aircraft
Parameters of influence from p.d. sequence I

STEP 21
In step 21 a Class II weight and balance analysis shall be performed. This step takes the three-views of p.d. sequence
I as input, as well as the V-n diagram that was constructed in step 20. The structural design and layout that was
developed in step 19 should be used as input for estimating the weight of the structure of the aircraft. Chapters 4
through 8 of Ref. [55] describe how this problem should be approached. Chapter 4 specifically contains a step-by-
step method to this purpose. This step will yield the c.g. range and the moments and products of inertia of the
aircraft.

In Table 3.5 the input and output of this step is tabulated.

Table 3.5: In- and output of step 21

Input Output
Three-views from p.d. sequence I c.g. ranges of the aircraft
V-n diagram of step 20 Moments of inertia of the aircraft
Structural design and layout from step 19 Products of inertia of the aircraft

STEP 22
Step 22 involves analyzing the results obtained in step 21 and drawing conclusions on the structural design and
layout as it has been developed. This analysis and these conclusions shall be documented.

STEP 23
Step 23 is the final step of the set of 5 dedicated to structural analysis and design of the aircraft. It involves redrawing
the three-view from p.d. sequence I following the changes made in these steps. At this point it is necessary to feed
these changes back to step 17 if the changes have an impact on the aircraft systems. If the changes have little or no
impact on the systems, but they do have an impact on the structural design and layout they shall be fed back to step
19. Otherwise, if the changes do not or only marginally influence both the systems and the structure, no iterations
need to be performed.

STEP 24
Step 24 is dedicated to flight mechanics. More specifically, this step involves performing a Class II stability and
control analysis of the aircraft. It takes the three-view of the aircraft, as it is at the end of the iterations as described in
step 23, as an input. Ref. [57] contains all the methods for this step. In this step all stability and control derivatives of
the aircraft will be calculated. Furthermore the gain of any required SAS-loops (Stability Augmentation System) shall
be sized and the stick force versus speed and versus load factor slopes shall be determined for aircraft with reversible
flight controls. For the latter, it shall be such that these slopes obey certification requirements. Deliverables of this
step include documentation of all calculations and results for the stability and control derivatives, SAS-loop gain
sizing and stick force slopes as well as trim diagrams for both powered and gliding flight, description of the take-off
rotation analysis, and description of the roll performance, description of control during final approach and on the
runway under the influence of crosswind, description of the open loop dynamic handling of the aircraft. Finally,
using all information obtained until this point, the actuators shall be designed for all size and rate requirements.
This process and its results shall also be documented.

At this point the three-view resulting from step 23 and iterations shall be updated again. The new three-view
shall be fed back to step 17, step 19 and/or back into the start of this step depending on the impact of the changes.
The whole process as described from the step into which the three-view is fed back onward, including step 24, shall
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be executed again, including any inner iterations. If, after working through this whole process, arriving once more
at this point, new changes to the three-view again have impact on any of the preceding design steps, more iterations
shall be considered.

In Table 3.6 the input and output of this step is tabulated.

Table 3.6: In- and output of step 24

Input Output
Three-views resulting from step 23 Trim diagram for powered and gliding flight
Constraints/requirements of influence All stability and control derivatives

Final sizes of stabilizing and control surfaces
Roll performance characteristics

STEP 25
Step 25 is dedicated to aerodynamics. More specifically the drag polars from p.d. sequence I shall be recomputed in
this step using Class II methods [53]. This is done by means of component build-up methods. A detailed description
of this process is presented in chapter 4 of Ref. [56]. The tail and surface sizes of step 23 shall be used as input, not the
resulting tail geometry and sizes that result from step 24. Furthermore the geometry of the aircraft as it was designed
until this point is an input to this step as well. This step results in updated drag polars that more closely resemble the
aircraft.

In Table 3.7 the input and output of this step is tabulated.

Table 3.7: In- and output of step 25

Input Output
Tail and surface sizes from step 23 Drag polars
Three-views from step 23

STEP 26
Step 26 is the first of a set of three steps dedicated to the power and performance of the aircraft. In this step the
installed power and/or thrust of the propulsion system shall be analyzed [53]. A method for these computations is
described in detail in Ref. [56], chapter 6. This step will result in obtaining the characteristics and capabilities of the
propulsion system.

In Table 3.8 the input and output of this step is tabulated.

Table 3.8: In- and output of step 26

Input Output
Installed power and/or trust characteristics

STEP 27
Step 27 involves reinvestigating all requirements with respect to performance. As a start the requirements listed in
Ref. [64] shall be reviewed and filtered for requirements on performance. Finally the ones that are critical shall be
identified and reported on.

In Table 3.9 the input and output of this step is tabulated.

Table 3.9: In- and output of step 27

Input Output
Performance requirements

STEP 28
Step 28 is the last of the set of three steps dedicated to analyzing the performance of the aircraft. In this step the
performance capabilities of the aircraft that are critical shall be computed. The drag polars of step 25 and the engine
characteristics of step 26 shall be used as input for these calculations. The computed performance capabilities shall
then be compared to the results of step 27. If they obey to the requirements the design process can be continued
beyond step 29. If they do not, iterations shall be needed. The methods necessary for these calculations are described
in Ref. [57], Chapter 5.

In Table 3.10 the input and output of this step is tabulated.
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Table 3.10: In- and output of step 28

Input Output
Drag polars from step 25 Judgment of compliance with requirements
Installed power and/or trust characteristics from step 26
Performance requirements from step 27

STEP 29
Step 29 is dedicated to iteration of the design. More specifically the whole process as described until this point, that
is, steps 17 through 28, including interim iterations as required, shall be repeated until all requirements are met and
the solution is converged. The configuration shall be adjusted if necessary.

In Table 3.11 the input and output of this step is tabulated.

Table 3.11: In- and output of step 29

Input Output
Results of steps 17-28 Refined design

STEP 30
From this point on no further design iterations are required. With other words, the sequence of steps 30 through 36
is a linear process. Step 30 itself is the first of a set of three dedicated to refining the aircraft geometry, both inner and
outer, and all the aircraft’s systems in detail. This step specifically involves finalizing the three-view of the aircraft
and tabulating all the essential airplane geometry parameters [53].

In Table 3.12 the input and output of this step is tabulated.

Table 3.12: In- and output of step 30

Input Output
Results of steps 1-29 Finalized three-views

Detailed geometric parameters

STEP 31
Step 31 involves finalizing the inboard profiles of the aircraft [53].

In Table 3.13 the input and output of this step is tabulated.

Table 3.13: In- and output of step 31

Input Output
Results of steps 1-29 Finalized inboard profiles

STEP 32
Step 32 is similar to step 17. All essential aircraft systems shall be defined in a preliminary layout drawing. In partic-
ular it shall be shown in detail how the primary and secondary flight control system is layed out. It shall be clearly
shown that the systems are deconflicted and that they are shielded from potential hazards and obstacles. This shall
be backed up by clear documentation on this matter.

In Table 3.14 the input and output of this step is tabulated.

Table 3.14: In- and output of step 32

Input Output
Results of steps 1-29 Preliminary layout drawings of all systems

Clear documentation proofing adequate layout

STEP 33
Step 33 is the first of a set of three dedicated to structural, manufacturing and maintenance design. This step in
particular involves going back to the work done in step 19, where the structural arrangement of the aircraft was
defined. The geometry of the aircraft may have changed in steps 20-32, affecting the structural arrangement. It shall
be checked if the arrangement of step 19 is still valid and if it is not, it shall be adjusted. This step has the same
outputs as step 19.

In Table 3.15 the input and output of this step is tabulated.
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Table 3.15: In- and output of step 33

Input Output
CAD drawings resulting from all preceding steps Defined CAD drawings of structural design and layout

STEP 34
Step 34 involves preparing a preliminary manufacturing breakdown [53].

In Table 3.16 the input and output of this step is tabulated.

Table 3.16: In- and output of step 34

Input Output
Results from all preceding steps Preliminary manufacturing breakdown

STEP 35
Step 35 involves making a study of maintenance and accessibility requirements. For this case a schematic showing
all essential access requirements for inspection and for maintenance is needed [53]. It shall be ensured that the
structural arrangement from step 33 is compatible with these. Furthermore a schematic showing that the engine
and APU (if applicable) can be easily inspected and removed shall be prepared. This study shall be clearly reported
on.

In Table 3.17 the input and output of this step is tabulated.

Table 3.17: In- and output of step 35

Input Output
Results from all preceding steps Report proofing maintainability and accessibility

STEP 36
Step 36 is the final step of the p.d. sequence II. It involves performing a preliminary cost analysis of the aircraft [53].
Methods do perform this analysis are described in Ref. [69].

In Table 3.18 the input and output of this step is tabulated.

Table 3.18: In- and output of step 36

Input Output
Results from all preceding steps Cost estimation for the aircraft

STEP 37
Step 37 is not defined as a numbered step in Ref. [53]. For the purpose of clarity it is assigned a number in this report.
This step involves documenting all the work done in p.d. sequence I and II in detail.

In Table 3.19 the input and output of this step is tabulated.

Table 3.19: In- and output of step 37

Input Output
Results from all preceding steps Final report describing work done and design

3.6 N2 CHART
Figure 3.10 shows the N2-chart of p.d. sequence II. Note that only the output originating from p.d. sequence I
is specifically indicated, since for all other outputs the complete result of the outputting step is expected by the
receiving step.

As can be easily identified from the N2-chart there are two iterations present. The interim one being the feedback
from step 23 to either step 17 or 19 and the main one being the feedback from step 29 to step 17. Depending on the
course of the design process, these iterations shall be repeated multiple times to arrive at a valid and converged final
result.

3.7 DEVELOPMENT OF THE MATLAB TOOL
All the calculations from the books are done in MATLAB. This results in a MATLAB program which contains all the
steps from design sequence I and II. In these design sequences, the aircraft is designed, its performance is calculated
and it is checked whether requirements are met.



17 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

Figure 3.10: N2-chart of p.d. sequence II

In order to run the program, more than 100 input variables are needed. These variables are specified in an input
file. Most of these variables can not be varied or hardly influence the design, but some have major consequences.
The most critical input variables are: Payload Weight, Aspect ratio and Specific Fuel Consumption.
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The Payload Weight is the most important value in the aircraft design. It has the biggest influence on the take-off
weight which directly influences wing area and power requirements. In order to maximize performance, payload
weight has to be minimized while still meeting requirements.

The requirements on payload is two pilots for dual training, and one pilot for maximum range. In order to meet
these requirements, a payload weight of 145 kg is selected. With this weight the useful load becomes 218 kg. With
this useful load it is possible to fly 562 km and loiter for 45 minutes with two 80 kg persons.

The second most important parameter is the Aspect Ratio of the wing. In order to increase aerodynamic perfor-
mance, the aspect ratio has to be as high as possible. Since the Aspect Ratio is one of the first parameters to be fixed,
this optimization is based on reference aircraft only. The average AR of reference aircraft is 7.6 an the maximum
values are between 10 and 11 with one out lier at 12.9 [50]. Therefore it was decided to fix the AR at 10. This is close
to the maximum AR on the market, but still feasable.

The third important parameter is the Specific Fuel Consumption (SFC). This parameters says something about
the efficiency of the engine. The lower this value, the lower the fuel weight required which reduces weight and DOC.
SFC depends solely on the engine selection. Therefore an efficient engine should be selected.

With these and other input parameters specified, the MATLAB code runs the Design Sequence I and II. Both
Design sequences iterate themselves for empennage sizing and Lift over Drag. When these values do not change
anymore, the aircraft design is finished. The last part of the program checks whether the design meets the require-
ments. For every requirement this is written to the screen.

Both design sequences are based on Roskam, but some changes were made to design sequence II in order to
incorporate FBW. The FBW systems changes the weight, power and costs budget. The incorporation of the FBW
weight in the MATLAB tool is described in Section 11.2 and the incorporation of the power budget is described in
Section 10.6. The cost analysis is not a part of Design Sequence II and is therefore not included in the program.
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4
AIRCRAFT LAYOUT

The purpose of this chapter is to present and discuss the layout of the final design. First dimensioned drawings of
the aircraft will be presented in Section 4.1. These will then be discussed and the major design decisions that lead to
this final layout will be justified in Section 4.2.

4.1 DIMENSIONED DRAWINGS
Figures 4.1 to 4.4 contain the top, side, front and isometric views of the aircraft

4.2 DESIGN CHOICES
The mayor layout design decisions that have been made are the following:

• Conventional configuration;

• High wing;

• Conventional tailplane;

• Tricycle landing gear configuration;

• Non-retractable landing gear;

• Nose mounted tractor propeller; and

• Side-by-side seating of the pilots.

A section is dedicated to each of these decisions.

CONVENTIONAL CONFIGURATION

A conventional configuration was chosen over a non-conventional design to minimize the development and opera-
tional risk. Furthermore it was argued that a conventional design was preferable for the main mission of this aircraft,
namely, ab initio flight training. Since non-conventional aircraft are very rarely used by private pilots it is not logical
to design an aircraft meant for training them in a non-conventional manner. This argument thus clearly focuses on
market acceptance, which is greatly improved by choosing a conventional design over a non-conventional one. To
summarize: a conventional configuration was chosen to minimize risk and maximize market acceptance.

HIGH WING

A high wing configuration was chosen over a mid or low wing to increase pilot visibility. For the purpose of flight
training, where VFR are dominant, this adds value. Furthermore a high wing configuration was preferred over a
mid wing to decrease the size of the fuselage, since the mid wing would have to be places behind the pilots. This
decreases the parasite drag and weight of the aircraft, which in turn increases fuel efficiency and decreases cost.
The high wing configuration was preferred over the low wing because a high wing makes the aircraft easier to be
embarked and disembarked by the pilots. This adds value, considering many pilots in training are of age. Finally, a
high wing configuration is inherently more laterally stable than a mid or a low wing configuration. This is favorable
for new pilots, since it reduces the operational risk and improves the flight quality. In conclusion, the argument for
choosing a high wing configuration is one that focuses on improving visibility, reducing the cost, increasing market
acceptance, and improving the stability of the aircraft.

CONVENTIONAL TAILPANE

A conventional tailplane was chosen over a cruciform, T-tail, or other non-conventional tailplane to reduce the
development risk. It can be argued that a conventional tailplane also yields a lower structural weight than other
tailplanes, since the horizontal stabilizer and the vertical fin can both be mounted directly on the fuselage. A fin
mounted horizontal stabilizer introduces extra loads and moments on the vertical fin, which increases its structural
weight and complexity. Due to these extra loads and moments the aircraft will need more maintenance. Choosing a
conventional tail thus reduces the direct operating cost.
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Figure 4.1: Dimensioned top view of the aircraft
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Figure 4.2: Dimensioned side view of the aircraft

Figure 4.3: Dimensioned front view of the aircraft



22 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

Figure 4.4: Isometric view of the aircraft

TRICYCLE LANDING GEAR CONFIGURATION
A tricycle landing gear configuration was chosen over a tail dragger to increase pilot visibility during ground opera-
tions. Most ab initio flight training in the current market is performed using tricycle gear aircraft. To be able to fit
into this market the decision to go for such a configuration was one that was easily made.

NON-RETRACTABLE LANDING GEAR
The decision to use non-retractable landing gear was one that was easily made and is also easy to justify. Non-
retractable landing gear has a lower complexity than retractable landing gear. This makes non-retractable landing
gear less expensive and less demanding for maintenance, leading to lower purchase and direct operating cost. Fur-
thermore ab initio flight training does not include retractable landing gear, so this is a feature that is not preferred
from a market acceptance perspective. Using non-retractable landing gear has only a minor disadvantage compared
to retractable landing gear in terms of parasite drag, since this aircraft will be flying at low airspeeds.

NOSE-MOUNTED TRACTOR PROPELLER
The argument for mounting the propeller on the nose of the aircraft is twofold. Firstly there is more room in the
nosecone than there is in the tailcone, since the latter will be where the tailplane is mounted. Secondly it is conven-
tional to have a nose mounted propeller in one engine, general aviation aircraft. For the main mission of this aircraft
this improves market acceptance.

SIDE-BY-SIDE SEATING OF THE PILOTS
It was decided to seat the pilots side-by-side and not behind each other to fit the aircraft within the market for trainer
aircraft. During flight training the trainer and the student will need to be communicating thoroughly. It is simpler for
the trainer to explain operations to the student and for the student to ask questions to the trainer if they can point
directly at the instruments and controls. It was therefore a logical choice to seat the pilots next to each other.
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5
STRUCTURES

The structural design of the aircraft is essential to the flight performance. The aircraft should be safe to fly, whilst
being lightweight to minimize drag and consequentially minimizing operating cost. Thus, structure should be de-
signed to provide adequate performance at minimum weight.

This chapter discusses the structural arrangement of the aircraft. It will start with the selection of the material
for construction in Section 5.1. This is followed by a determination of the required flight load factors in Section 5.2.
The analysis and design of the wingbox structure is then discussed in Section 5.4, the fuselage design is illustrated
in Section 5.5. Landing gear sizing and design is done in Section 5.6 and finally, manufacturing is considered in
Section 5.7.

5.1 MATERIALS
A basic element of structural design is the choice of materials. For aircraft design, lightweight construction with high
stiffness and strength is required. A good material forms a proper basis for such a design.

Several parameters need to be considered for an aircraft material, some of which are compared in Table 5.1.
For example, the material strength, stiffness and toughness to withstand the loads applied. Resistance to fatigue is
required as loads vary in magnitude in different flight elements. Material density with respect to the material prop-
erties should also be considered for lightweight construction. Resistance to corrosion plays a role as the aircraft is
subjected to the environmental influence. For minimizing total cost of the aircraft, material cost and the cost of man-
ufacturing should be evaluated.[70] Finally, the sustainability of the material used is determined by the production
and end-of-life recycling possibilities.

Metals are a conventional choice for use in aircraft design. The are isotropic materials, featuring good strength
and stifness properties and manufacturability.

The conventional choice is for aluminum. It is usually alloyed because of the softness of pure aluminum. Alu-
minum alloys have varying properties, but in general provide good stiffness for a rather low material density. They
have good strength properties as well but they do suffer from deterioration due to fatigue. Aluminum is an afford-
able material and has good properties for manufacturing, thus reducing cost. This is further enhanced by the years
of experience working with aluminum in the aircraft industry, which means a lot of knowledge is available. [70]

Common alloys in aircraft use are the 2024-T3 and 7075-T6. The 2000-series alloys have optimum properties
similar to mild steel, but feature poor corrosion resistance when unprotected from the elements. The 7000-series are
heat-treatable aluminum alloys with very high strength. [71]

Steel alloys are also sometimes used in aircraft structures. Steels can provide very high strengths and good stiff-
ness. The strength of steel does degrade due to fatigue, but there is a fatigue limit, below which the material will
never degrade. However, due to its relatively high material density, steel is generally only used for small components
with varying loads and high strength requirements. [70]

If cost were not a concern, titanium would be a good material to choose for aircraft design. It features high spe-
cific properties and a distinct limit to fatigue degradation. Furthermore, it has good corrosion resistance. Titanium is
rather expensive and more difficult to manufacture. Primary material costs and fabrication costs are approximately
seven times that for aluminum or steel. [70]

A widely used titanium base alloy is the C-110M (Ti-8Mn) alloy, which is used for parts of the primary aircraft
structure and aircraft skin. [71]

In recent years, the use of composite constructions has advanced and become more widespread. Composites
generally consist of strong fibres, such as glass (GRP) or carbon fibre (CFRP), fixed in a plastic or epoxy resin matrix.
These fibres have a very high tensile strength, but because the fibres are the basis for the strength of the composite,
the material is anisotropic. This does allow for specific material design in line with major loads in tension. Compres-
sive loads are less well taken, but the lay-up can be designed to take shear loads. The fibres giving the composite its
strength are much less prone to fatigue than metals.

A problem composites is that they are brittle and strength is compromised by impact damage. Furthermore,
there is a problem with inspection and repair. Composite may fail without showing visual cues to failure. The design
and construction of composites is more complex and requires manual fabrication, inducing higher cost.

Design using composites does allow for constructions not possible using metals due to the flexibility of the fibres
before setting in the matrix. A carbon fibre composite could be made three times stiffer than a glass fibre composite
and two times stiffer than an aluminum alloy - for the same weight. [70]
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Finally, for sustainability, aluminum provides good options for end-of-life recycling at rather low energy cost,
whereas this is more costly for steel and titanium. Recycling carbon and glass composites is impractical and sustain-
able, recyclable composites are not yet acceptable for aircraft use.

For the wingbox and fuselage design, the 7075-T6 aluminum is chosen. This is because of the good specific
strength and stiffness properties for aluminum. Additionally, the material and manufacturing cost of aluminum are
low compared to the other materials. The requirements on the structural performance with respect to weight do not
demand the step to a composite construction.

Table 5.1: Material properties [37, 38]

AL7075-T6 AL2024-T3 Ti-8Mn AlSl 4130 GRP (UD) CFRP (UD)

ρ 2810 2780 4730 785 1900 1600 [kg/m3]
E 71.7 72.4 115 205 40 135 [Gpa]
G 26.9 27 43.2 80 4 5 [Gpa]
σu 572 440 900 670 1000 1500 [Mpa]
σy 503 345 810 435 [Mpa]

5.2 V-N DIAGRAM
In order to design the structural layout of the aircraft, one of the main parameters that should be known is the
maximum load factor that will be encountered. This can be done using a V-n diagram, in which the maximum
allowable load factor for each airspeed are given.

5.2.1 V-SPEEDS
In the V-n diagram some of these airspeeds are defined, since they are important in the operation of an aircraft.
These airspeeds are:

• Design Maneuvering Speed (Va)

• Design Cruise Speed (Vc )

• Design Dive Speed (Vd )

• Stall Speed in clean configuration (VSclean )

• Stall Speed in with flaps deployed (VS f l aps )

• Maximum Flap Extended Speed (V fmax )

• Design Landing Speed (VL)

DESIGN MANEUVERING SPEED (Va )
To determine the design maneuvering speed, Equation (5.1) is used.

nW = 1

2
ρV 2SCL (5.1)

Where the load factor (n) is 4.4, which is the minimum positive limit maneuvering load factor, for utility category
aircraft, according to CS 23.337. The wing loading (W /S) is a design point and the lift coefficient CL follows from the
aerodynamic design. Finally the density is determined according to the International Standard Atmosphere (ISA).
All these values lead to the minimum design maneuvering speed of the aircraft.

DESIGN CRUISE SPEED (Vc )
The cruise speed is a value that can be chosen for the design. The minimum requirement for the cruise speed how-
ever is 90 knots. This cruise speed might be too low though, according to CS 23.335, which states that the minimum

cruise speed (in knots) should be higher than 33

√
W

S
, with W /S in lbs/ft2. During the design of the V-n diagram, it

is checked whether or not the requirement of CS 23.335 is met, if not, the cruise speed will be set to the minimum
cruise speed.

DESIGN DIVE SPEED (Va )
The design dive speed is the absolute maximum airspeed the aircraft is allowed to have. The dive speed may not be
less than 1.25Vc , but also not less than 1.5Vcmi n for utility category aircraft according to CS 23.335.

STALL SPEED IN CLEAN CONFIGURATION (VSclean )
The stall speed at +1g is also calculated using Equation (5.1). Setting the load factor to 1, and CL to the lift coefficient
in clean configuration the stall speed can be determined.
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STALL SPEED IN WITH FLAPS DEPLOYED (VS f l aps )
The stall speed with flaps deployed is calculated in the same manner as the stall speed in clean configuration. The
only difference is that the lift coefficient is now the lift coefficient with flaps deployed.

MAXIMUM FLAP EXTENDED SPEED (V fmax )
The maximum flap extended speed is restricted by three requirements. First of all, flight with flaps extended should
be able to withstand a positive load factor of 2g. Furthermore V fmax , should be larger than 1.4 times VSclean and 1.8
times larger than VS f l aps . Whichever is greater of these three requirements is the maximum flap extended speed.

DESIGN LANDING SPEED (VL )
According to FAR 23.73, the landing speed should be atleast 1.3 times the minimum stall speed. Where the minimum
stall speed is the stall speed with flaps deployed. The calculated landing speed is used in Chapter 9, to check whether
or not it meets the requirement of the maximum landing distance of 400 m over a 50 ft obstacle. If not the case, then
the stall speed should be reduced.

5.2.2 GUST LOADS
Another major part for load factors is the gust load. For utility category aircraft the gust loads on Vc and Vd should be
evaluated. At cruise speed up and down gusts of 50 feet per second (i.e. 15.24 m/s) and at dive speed up and down
gusts of 25 fps (i.e. 7.62 m/s) must be considered according to CS23.333. A so-called VB must be also be evaluated
for commuter category aircraft, however the trainer aircraft is a utility category aircraft, so VB does not have to be
considered. The gust load can be determined using Equation (5.2), from CS 23.341.

n = 1± kgρoUdeV a

2(W /S)
(5.2)

Where the gust alleviation factor (kg ) is determined using Equation (5.3)

kg = 0.88µg

5.3+µg
(5.3)

And the aeroplane mass ratio (µg ) is calculated with Equation (5.4)

µg = 2(W /S)

ρC̄ ag
(5.4)

The variables used in Equations (5.2) to (5.4), according to CS 23.341 are:

• Ude = Derived gust velocity at certain airspeed [m/s]

• ρ0 = Density of air at sea-level [kg/m3]

• ρ = Density of air at considered altitude [kg/m3]

• W /S = Wing loading in the particular case [N/m2]

• C̄ = Mean geometric chord [m]

• g = Acceleration due to gravity [m/s2]

• V = Aircraft equivalent speed [m/s]

• a = Wing lift curve slope [rad−1]

5.3 LOAD FACTORS
The limit maneuvering loads and gust loads are combined together in the V-n diagram. The V-n diagrams are de-
pended on the wing loading and the density. For the wing loading, the wing loading at maximum take-off weight is
taken. This gives the highest speeds, and thus will also give the highest load factor due to gusts, according to Equa-
tion (5.2). For the density two extremes are taken into account. The first V-n diagram is made for sea-level as in
Figure 5.1a. The other extreme is on cruise altitude as in Figure 5.1b. From these V-n diagrams the maximum and
minimum load factor can be read.

5.4 WINGBOX ANALYSIS AND DESIGN
This section discusses the structural analysis and design of the wingbox for the aircraft. The wingbox is the main
structural element of the wing, designed to bear the applied loads. For iteration in the complete aircraft design,
the complete wing weight from statistical analysis is used. This analysis is used to come to an initial design of the
wingbox construction. It is compared to the statistical values for design validation and feasibility for actual use.

This section will first describe the loads applied to the wing and the design load cases in Section 5.4.1. Then the
methods for determining normal and shear stresses and critical values are discussed in Section 5.4.2. The design of
the tool for numerical analysis is illustrated in Section 5.4.3. This is followed by a discussion of the design iteration
process in Section 5.4.4 and a summary of the finalized design in Section 5.4.5. Some recommendations for further
development are then made in Section 5.4.6.
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Figure 5.1: V-n diagrams with flight envelope limits

5.4.1 LOADS

The wingbox needs to be designed to support all the loads that may be applied to the wing. The limits of load factors
and velocities have been specified in the Vn-diagram in Figure 5.1b. The wingbox is designed to be able to sustain
both the positive and negative extremes of the loading diagram; a maximum load factor of 4.5 and a minimum load
factor of -2.5 at the corresponding velocity.

The total lift force is taken equal to the MTOW multiplied with the load factor and the lift distribution is taken
linearly related to local chord length. The drag is related to the lift via Equation (5.5) and Equation (5.6). The air
density, ρ, is assumed to be 1.225 kg/m3, the ISA sea-level value. The zero-lift drag coefficient, CD,0, the aspect ratio,
A, and the Oswald factor, e, come from the aerodynamic design.

CD =CD,0 +
C 2

L

πAe
(5.5)

D =CD
1

2
ρV 2S , L =CL

1

2
ρV 2S (5.6)

Fuel is stored in the wing and thus provides a distributed loading opposite to the lift force. The same goes for the
wingbox weight distribution.

The wingbox load distributions are illustrated for the positive case in Figure 5.2 and for the negative load factor
in Figure 5.3. The shear distributions over the wingbox are integrated to determine the moment distribution. The
torsional moment distribution is provided in Figure 5.4 for both positive and negative load cases.
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Figure 5.2: Wing loading diagrams, shear and moment distributions, n = 4.4
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Figure 5.3: Wing loading diagrams, shear and moment distributions, n = -2.5

0 1 2 3 4 5
0

500

1000

1500

2000

Torque Distribution, n = 4.5

y [m]

T
 [N

m
]

0 1 2 3 4 5

−1000

−500

0
Torque Distribution, n = −2.5

y [m]

T
 [N

m
]

Figure 5.4: Torsional moment distribution over the wingspan

5.4.2 WINGBOX ANALYSIS METHODS
This section describes the theory used for the determination of stresses and deformations in the wingbox. Starting
with a geometrical definition, followed by the methods for stresses due to bending and shear, including the critical
failure criteria for design. Finally, aeroelasticity is briefly considered.

GEOMETRY

The axis system for wing box analysis starts at the left wing tip centroid, with the z-axis pointing downwards and the
x-axis forwards in flight direction. The y-axis points from the tip towards the root.

For analysis, the wingbox is divided into a number of sections. The local x-axis and z-axis have their origin at the
cross section centroid. For every cross section, the moments of inertia about both axes and the product of inertia are
computed.

BENDING

The moments generated by the shear loads applied on the wing induce normal stresses in the skins and spars. These
stresses are computed using the standard equation for bending of beams given in Equation (5.7) [70]. For upward
bending, the top panel is loaded in compression and the bottom panel in tension, for downward bending - negative
load factors - the bottom panel is loaded in compression and the top panel in tension.

σ= Mx z

Ixx
+ Mz x

Izz
(5.7)

Due to the compressive loads that may be applied to the top and bottom panels, they are checked for buckling
using Equation (5.8). tsk is the skin thickness, bsk is the spacing between stringers. The critical stress for Euler
column buckling of the stringers is calculated with Equation (5.9). [70]

σcr = 4π2E

12(1−ν)2

(
tsk

bsk

)2

(5.8)

σcr,E = π2E I

L A
(5.9)

Besides the stresses, the tip deflection is checked by summing the effect of deflection from the root to the tip.
The section deflection length and angle are computed using Equation (5.10) [70]. These are then combined over the
wingspan to compute the tip deflection.

δ= ML2

2E I
, θ = ML2

E I
(5.10)
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SHEAR STRESSES

The shear stresses resulting from torsion and the applied shear loading are also computed for the wingbox. Equa-
tion (5.11) shows that the total shear flow, qtot , is built up from the basic open section shear flow, qb , the closing
shear flow, qs0, and the shear flow due to torsion qt [70].

qtot = qb +qs0 +qt (5.11)

The basic shear flow distribution for each section is computed using Equation (5.12) [70].

qb =−
(

Ixx Sx − Ixz Sz

Ixx Izz − I 2
xz

) s∫
0

t x d s −
(

Izz Sz − Ixz Sx

Ixx Izz − I 2
xz

) s∫
0

t z d s (5.12)

The closing shear flow for each section is determined using 5.13 [70].

qs0 =
∮ qb

t
d s∮ 1

t
d s

(5.13)

Finally, the shear flow due to torsion, resulting from shear load offset from the shear centre, is computed with Equa-
tion (5.14) [70]. The shear centre location is assumed to be at the centroid of the cross section for determination of
the applied torque due to lift offset.

qt = T

2A
(5.14)

The shear stresses can be calculated from the shear flow by dividing by the panel thickness, as in Equation (5.15)
[70].

τ= qtot

t
(5.15)

The angle of twist of each section is computed using Equation (5.16) [70]. These are summed for the total tip twist
angle.

φ= 1

2AG
·
∮

qtot

t
d s (5.16)

VON MISES

To analyse the combined load from the normal stresses and the shear stress, the Von Mises yield stress is determined
using Equation (5.17). The stress distribution over the wingbox is shown in Figure 5.8. The Von Mises stress should
be compared to the material yield stress to check for yielding under the combined loading.

σm =
√
σ2 +3τ2 (5.17)

STATIC AEROELASTIC

The effects of aeroelasticity are briefly considered. The torsional divergence speed is computed using 5.18 [70]. It is
much higher than the speeds defined within the flight envelope and therefore not driving the design. The effects of
control reversal and flutter are not considered for also being primarily high speed effects.

VD =
√

π2G J

2ρec2s2CLα
(5.18)

J = T

G dφ
d y

≈ T

G φ
y

(5.19)

5.4.3 ANALYSIS TOOL
All stress and deflection calculations for the wingbox are performed using a purpose-built MATLAB tool. The tool
divides the wingbox into a number of spanwise sections and divides the top and bottom panel as well. By division
into a large number of small sections, higher accuracy is achieved.

The spanwise sections are assumed to have a constant cross-section, neglecting the effects of taper. The ge-
ometry is varied across the different sections to improve accuracy of the geometrical model. The wing is assumed
unswept because of the sweep angle is very small. The properties of the material are assumed homogeneous and
isotropic and the cross section is assumed not to warp due to shear or bending. For the computation of drag, the
sea-level air density is assumed.

The diagram in Figure 5.5 illustrates the working of the program and the relation between program elements. It
starts off of an initial definition of the wingbox geometry. For this geometry, the stress distributions are computed.
These stresses are then compared to the calculated critical stresses for buckling and the material yield stress. Pa-
rameters can then be modified to achieve a design which is optimized for weight and capable of taking the applied
loads.
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The buckling stresses in the panel under compression and the spars loaded in shear proved to be the critical
parameters for design. Therefore, the structure was designed not to buckle within the specified flight envelope.
Buckling starts in the elastic regime and does not cause immediate failure; a slightly buckled structure is still capable
of carrying loads. It is thus assumed that the wingbox designed not to buckle at the extreme flight envelope load
factors shall be able to sustain these load with an additional safety factor of 1.5 without failure, as required by the
CS-23 regulations [40].

Figure 5.5: Block diagram for the numerical wingbox analysis tool

TOOL VERIFICATION

The analysis tool is verified by comparing the different elements with manual, analytical calculations for simple
configurations. Error values were found to be within 1% deviation, which means the tool is a sufficiently accurate
representation of the analytical methods.

5.4.4 DESIGN ITERATION & SENSITIVITY
The design was optimised by manual iteration. Increasing and decreasing parameters systematically from a baseline
level showed that a design with a small skin thickness and more stringers lead to an optimum design. The skin
thickness was chosen to be 0.6 mm, which followed from the iterative process.

Figure 5.6 illustrates the variation of wingbox weight for different skin thicknesses. The numbers of stringers in
the different sections were changed to a minimum to maintain a structurally sound wingbox every iteration. This is
the same way in which the other design parameters of the wingbox were iterated.
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Figure 5.6: Wingbox mass variation as skin thickness is varied

For further design iterations, a sensitivity analysis was performed. For this preliminary design, the aspect ratio
was fixed at 10, a lower aspect ratio at the same wing area and MTOW results in a lighter wingbox, a higher aspect
ratio leads to a heavier wingbox. The same goes for the wingbox weight related to the MTOW. A heavier aircraft
requires a heavier wing structure.

The results of this sensitivity analysis are plotted in the two graphs in Figure 5.7.
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Figure 5.7: MTOW and AR variation effect on complete wingbox mass

Figure 5.8: The normal, shear and Von Mises stress distributions over the wingbox surface, n = 4.4

5.4.5 FINAL WINGBOX DESIGN

The process of design iteration has lead to a finalized definition of the wingbox. Table 5.2 lists the geometrical wing-
box parameters. The wingbox component mass distribution is provided in Table 5.3. The critical stresses for design
of the wingbox are summarised in Table 5.4. The stress distributions are illustrated in Figure 5.8.

The wingbox is divided into four sections from tip to root with varying numbers of stringers. The transitions
between sections are at 30%, 60% and 80% of the wingspan from the tip towards the root. The number of stringers
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increases towards the root on both top and bottom panels because of the increasing compressive stress, induced by
the increasing bending moment.

The ribs are taken at a constant pitch for simplicity and located such that the stringers would not fail due to
column buckling.

The spar thicknesses are constant throughout the span and such that they do not buckle due to the shear load
applied.

Table 5.2: Wingbox Geometry

Skin Thickness 0.6 [mm]
Front Spar Thickness 2.0 [mm]
Aft Spar Thickness 1.4 [mm]
Wingbox Start 10 [%c]
Wingbox End 75 [%c]
Height Front 15 [%c]
Height Aft 10 [%c]

Rib Thickness 0.8 [mm]
Number of Ribs 12 [-]
Rib Spacing 0.5 [m]
Stringer Area 30 [mm2]

Number of stringers:
Top, Root Section 30 [-]
Top, Section three 25 [-]
Top, Section Two 20 [-]
Top, Tip Section 12 [-]
Bottom, Root Section 20 [-]
Bottom, Section three 17 [-]
Bottom, Section Two 13 [-]
Bottom, Tip Section 8 [-]

Table 5.3: Wingbox Mass

Skin 32.8 [kg]
Spar 14.2 [kg]
Stringers 30.1 [kg]
Ribs 2.6 [kg]

Complete Wingbox 72.8 [kg]

Table 5.4: Wingbox Stresses

nmax = 4.5 σc σcr

Top, Root Section 192.1 198.5 [MPa]
Top, Section three 141.3 141.8 [MPa]
Top, Section Two 90.3 92.6 [MPa]
Top, Tip Section 26.4 33.1 [MPa]

τmax τcr

Front Spar 64.3 67.7 [MPa]
Aft Spar 67.7 74.7 [MPa]

nmi n = -2.5 σc σcr

Bottom, Root Section 77.7 85.2 [MPa]
Bottom, Section three 56.5 63.0 [MPa]
Bottom, Section Two 36.0 37.0 [MPa]
Bottom, Tip Section 10.6 13.4 [MPa]

nmax = 4.5 nmi n = -2.5

Maximum, Tension 139.7 108.5 [MPa]
Minimum, Compression 194.1 77.7 [MPa]
Maximum, Shear 67.8 37.6 [MPa]
Maximum, Von Mises 202.3 113.0 [MPa]
Tip Deflection 13.4 7.5 [mm]
Tip Twist Angle 2.6 1.4 [deg]

5.4.6 RECOMMENDATIONS
The wingbox design was optimised as far as was possible for this preliminary design. Further improvements and
weight reductions would be possible with more advanced optimisation. For example, with the inclusion of cut-outs
or evaluating other design options. Analysis using more advanced Finite Element Methods would allow for more
complex, but more efficient, structural elements to be evaluated.

Another possibility for weight reduction would be a strutted design. It was not evaluated for this preliminary
design study because of time constraints and complexity. If struts were to be fitted, the influence on the aerodynamic
design needs to be considered as well to determine whether the weight saving outweighs the additional interference
drag on the aircraft.

5.5 FUSELAGE
Fuselages can be made with different structure types, namely: spaceframe, semi-monocoque, monocoque. The
trainer aircraft will use a semi-monocoque structure, since this is nowadays the most used structure in aircraft [64].
The reason to chose a semi-monocoque, is that the development risk for the trainer aircraft is already significant,
due to the incorporation of the FBW system.

WEIGHT DISTRIBUTION

Before being able to calculate any shear force the weight distribution should be known. This weight distribution was
first determined using the class II weight estimation. When subsystems where preliminary designed an updated,
more precise, weight could be estimated. This new weight was then used in the weight distribution. Most of these
weights are assumed to be distributed loads, while others are assumed to be point loads. A special case is the fuselage
weight. For the distribution of the fuselage weight, the fuselage was divided into 102 cross-section. The relative area
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of the cross-section w.r.t. the sum of all the cross-sections was looked at. Then this number was multiplied with the
total weight of the fuselage to get a weight distribution. In formula form it described as Equation (5.20). The total
weight distribution is given in Table 11.3. Note that the c.g. has been calculated, with the weight of the fuselage
divided into the cross-sections.

Wi =
∑102

i=1

(
Ai ·M f usel ag e

)∑102
i=1 (Ai )

(5.20)
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Figure 5.9: Mass Distribution along the x-direction

In Figure 5.9 it can be seen that a lot of mass is located around the wing and payload. The tail on the other hand
is relatively light and in the nose, a lot of weight is introduced by the engine.

5.5.1 LOADS
Before designing the structure first the loading’s on the aircraft should be determined. These consists of shear forces
in all three directions (i.e. x,y,z) and the moments around those axis. The reference system that is used, is as in
Figure 5.10

Figure 5.10: Body Axes [5]

SHEAR FORCE IN X-DIRECTION

The contributors to the shear force in x-direction are mainly the thrust force and the drag due to the wing. The drag
due to the fuselage, horizontal tail and vertical tail are neglected for the shear force in x-direction. The maximum
shear force in x-direction is when the aircraft is accelerating and not when it is in static flight. Therefore a standard
static approach, for determining the shear force, cannot be used because the forces are not in equilibrium. This
problem can be solved by using an accelerating coordinate system [72]. Assuming a rigid body structure, the transla-
tional and angular acceleration can be determined. The acceleration of each mass particle can then be determined,
knowing the translational and angular acceleration around the center of gravity (c.g.). Knowing the acceleration of
each mass particle, the fictitious d’Alembert forces can be determined. This method is also known as inertia relief.
For the fuselage, the cross-sections are the mass particles "particles". Applying the inertia relief method, a shear
force diagram in x-direction can be constructed, as in Figure 5.11.

SHEAR FORCE IN Y-DIRECTION

The shear force in y-direction, is determined by calculating the force due to a rudder deflection and on top of that a
gust load, which is defined by CS 23.443. Normally also the side wind at the side body surface could be determined,
for this preliminary design however, this is neglected. The force due to the rudder deflection is calculated using
Equation (5.21)

Fy = 1

2
ρV 2Srδr av t (5.21)
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The force due to a gust load on the vertical fin, according to CS 23.443, is described in Equation (5.22).

Lv t =
ρ0Kg tUdeV av t Sv t

2
(5.22)

In Equations (5.21) and (5.22) the variables are:

• Ude = Derived gust velocity at certain airspeed [m/s]

• ρ0 = Density of air at sea-level [kg/m3]

• ρ = Density of air at considered altitude [kg/m3]

• V = Aircraft equivalent speed [m/s]

• Sr = Area of the rudder [m2]

• Sv t = Area of the vertical tail [m2]

• δr = Rudder deflection [rad]

• av t = lift curve slope of the vertical tail [rad−1]

• kg t = Gust Alleviation Factor [-], as in Equation (5.3)

Just as the shear force in x-direction, for the shear force in y-direction, inertia relief had to be used. This is because
a force on the vertical tail will rotate and translate the aircraft, so it is not a static problem anymore. One main
difference with the shear-force in x-direction though, is that now an angular acceleration is induced, where in x-
direction only translational acceleration was used. To determine the angular acceleration around the c.g. the mass
moment of inertia (MMOI) around the yaw-axis must be determined. This was done using Equation (5.23). The mass
contributions of the fuselage on the MMOI where calculated for the 102 cross-sections, however the contributions of
the mass in y-direction cannot be assumed to be zero. The main contributor for the MMOI due to mass in y-direction
is the main wing. The c.g. at one wing is approximately 45% of the half span of the wing, according to the wingbox
design. Furthermore the weight of one wing is half the weight of the total wing. At this moment it is assumed that
the MMOI due to the horizontal tail and due to the fuselage in y-direction is zero. In Section 5.5.8 this assumption
will be checked for.

Izz =
102∑
i=1

mi x2
i +

2∑
i=1

mi y2
i (5.23)

Now the angular acceleration and translational acceleration can be calculated. Using inertia relief, the shear force
diagram in y-direction can be constructed as in Figure 5.11.

SHEAR FORCE IN Z-DIRECTION

Last but not least is the shear force in z-direction. The main contributors for this shear force are lift due to the wing,
lift due to the horizontal tail surface and the weight of the aircraft. For the shear force in z-direction, it is assumed
that the aircraft flies in a steady, symmetric flight but with a load factor of 4.8. To get to the shear force distribution,
it was assumed that the aircraft was hinged at the c.g. of the wing and also at the c.g. of the horizontal tail. This
leads to 2 unknowns, for which there are two equations: moments equal to zero and force equal to zero. The weight
distribution has been taken from Section 5.5. Solving this statics problem, the shear force diagram in z-direction was
obtained, as in Figure 5.11.

MOMENT AROUND THE X-AXIS

The major contribution of the moment around the x-axis are the torque of the engine and the force on the rudder.
Combining these two torques together allow for the construction of a moment diagram around the x-axis. Normally
an asymmetrical loading also causes a torque; for example, in a turning flight. For this preliminary design however
these asymmetrical loading’s are neglected. These leads to a constant moment around the x-axis, along the x-axis.
Which is shown in Figure 5.11.

MOMENT AROUND THE Y-AXIS

The moment around the y-axis is caused by the shear forces in z-direction. To determine the moment around the
y-axis the shear force in z-direction is integrated along x-direction, as in Equation (5.24). This leads to the moment
diagram as in Figure 5.11

My (x) =
∫

Vz (x)d x (5.24)

MOMENT AROUND THE Z-AXIS

Similarly to the moment around the y-axis, the moment around the z-axis can be determined (i.e. yaw-axis). This
leads to Figure 5.11
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Figure 5.11: Loadings on the Fuselage

5.5.2 GEOMETRY

In most commercial airliners the fuselage has a circular shape, because these fuselages have to be pressurized. In
general aviation however, the geometry of the fuselage can have a lot more variety. Since the trainer aircraft is not a
nice circle, the assumption of a circular cross-section would probably lead to too large errors. Therefore the fuselage
structure was not assumed circular, but was imported from 3D drawings. Around the perimeter of the aircraft the
stringers have been equally divided. This is done for the preliminary design, which may be later optimized. The
reason why this is done, is that not all load cases are looked at. At this moment the force at the rudder due to
maximum deflection and gust are taken into account. Furthermore an accelerating flight and a static flight have
been looked at. In the life of the aircraft a lot more loading cases should be considered, such as asymmetrical flights,
stall spin, but also ground loads should be considered. Up till this point, these flight conditions were neglected and
therefore the fuselage cannot be fully optimized yet. The stringers in the fuselage in the analysis tool vary linearly
from the nose to the tail. It is however very impractical to design such stringers. In a later stage of the design, it might
be designed with a discrete distribution. For the preliminary analysis however, it gives a solid solution. In a later
stage of the design, a more detailed structure and structural analysis can be made. Furthermore for the structural
integrity of the fuselage there are 12 frames placed around the perimeter of the fuselage. For this preliminary design
the 12 frames are equally dived over the fuselage. In a later design, these frames should be placed more precisely, so
it could be used; for example, for the attachment of the wing. Having 12 frames and a fuselage length of 7000 mm,
the average distance between two frames is approx. 580 mm. For this preliminary design the average distance is
used for calculation, where it is needed; for example, in the calculation of the column buckling of the stringers.

5.5.3 NORMAL STRESS

For the fuselage a method called structural idealization is used [70]. With structure idealization the stringers are
assumed to circular booms with a certain area. The booms will only take the normal stress, and the skin in between
the booms only take the shear stresses. Furthermore structure idealization assumes that the shear stress in the skin
is constant, which is allowed because the length of the skin between booms is short. A typical lay-out of a cross-
section, using structural idealization is as in Figure 5.12 More information about structural idealization can be found
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in: Aircraft Structures for Engineering Students, by T.H.G. Megson, chapter 20 [70].

Figure 5.12: Example of a cross-section at a fuselage

After the structure idealization the fuselage can be analyzed at each cross-section. For the normal stress Equa-
tion (5.7) is used, but then in the y-z plane instead of the x-z plane. Additional to Equation (5.7) an extra term must
be added to this equation. Since in the fuselage there is a shear force in x-direction, that shear force, divided by the
sum of all the booms, introduces an stress per boom added on top of the normal stress due to bending. The results
of this calculation can be seen in Figure 5.13.

The result at first might seem to be not so logical, since the bending moments around the y-axis are relatively large
around x =−2800 [mm] relatively to the nose, but the normal stresses at this location are relatively low. This is mainly
due to the fact that the bending moment is divided by the area moment of inertia to calculate the normal stress. The
area moment of inertia is relatively large around x = −2800 [mm] relatively to the nose, especially compared to the
area moment of inertia in the tail. For the failure mode, the normal stress will be combined with the shear stress, to
create the Von Mises stress. For column buckling of the stringer however it is interesting to look at the normal stress.
The column buckling for the stringers is described in Equation (5.9). One of the parameters which is not known is
the area moment of inertia of the booms at each cross-section. This is because there is no decision made on which
kind shape from the stringers will be used. There the area moment of inertia will be determined as function of the
area of a stringer. For this preliminary design it is assumed to have a L-shaped beam as in Figure 5.13a.
To set up the relation between the cross-sectional area and the area moment of inertia, the from Table 5.5 data has
been used for the L-shaped cross-section. From this data a quadratic regression was found, the relation between the
cross-sectional area and the area moment of inertia can be found in Figure 5.13b

Table 5.5: Relation between area and area moment of inertia

a [mm] b [mm] t1 [mm] t2 [mm] Area [mm2] Ixx [mm4] Iy y [mm4]

12 12 1 1 23 319 319
24 24 2 2 92 5096 5096
36 36 3 3 207 25800 25800

(a) L-shaped Stringer
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(b) Relation between the area and the area moment of inertia

The other unknown parameter is the Young’s modulus, for the material which will be used for the fuselage, this is 71.7
GPa. The lowest calculated column buckling stress is now 1.2056e+05 MPa. The stresses will not even come close
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to this value, so column buckling will not occur. At this moment, this value is very large. In a later design this value
could be reduced. One could increase the distance between the circumference frames, or reduce the cross-sectional
area of the stringers.

5.5.4 SHEAR STRESS
Due to the structure idealization, the shear stress between booms is assumed to be constant. Therefore Equa-
tions (5.12) and (5.13) can be simplified. The shear stress due to the shear stresses can be calculated using Equa-
tion (5.25) [70].

qs =−
(

Sx Ixx −Sy Ix y

Ixx Iy y − I 2
x y

)
n∑

i=1
Br yr −

(
Sy Iy y −Sx Ix y

Ixx Iy y − I 2
x y

)
n∑

i=1
Br xr +qs,0 (5.25)

Since the shear flow between booms in constant, the term qS,0 can be calculated using Equation (5.26). Where the
enclose area is the cross-sectional area of the fuselage. The areas Ai ,i+1 are the area subtended by the skin panels 12,
23, 34 etc. Which has been calculated using the area of a polygon which is spanned between the: centroid, boom i
and boom i + 1.

qs,0 =
∑n

i=1 Ai ,i+1 ·qbi ,i+1

Aencl
(5.26)

The shear flow due to moment around the x-axis can be calculated using Equation (5.14). At each cross-section
the shear flow between all the booms is calculated. When the this is done for all the cross-sections, the shear flow
distribution can be draw, as in Figure 5.13

5.5.5 VON MISES STRESS
To check for yield and skin buckling of the fuselage, the Von Mises stress must be calculated. This is done using
Equation (5.17). The distribution of the Von Mises stress can then be constructed, as in Figure 5.13

5.5.6 BUCKLING
One of the main structural failures of the fuselage is skin buckling. To calculate the critical skin buckling stress,
Equation (5.8), was used. The critical stress was also analyzed for the whole fuselage. Although in this analysis the
bottom of the fuselage is not in compression, it is still checked for buckling. This is done because on the ground
the bottom of the fuselage will be in compression and the top will be in tension. The difference between the critical
buckling stress and the von mises stress can be seen in Figure 5.14. The minimum difference between the critical
skin buckling stress and the Von Mises stress is 1.0 MPa. Note that in Figure 5.14 the difference between the critical
skin buckling stress and Von Mises stress can be higher than 50 MPa at the nose and the tail. The scale on the plot,
however is decreased to get a more detailed plot of the difference at the most important point. That is the area
between -1000 and -3000 mm. The difference between the critical skin buckling and Von Mises at the tail can go
up to 2300 MPa. The skin buckling is however to the critical design parameter at the tail. At the tail, yielding of the
material is the major critical failure.

5.5.7 ANALYSIS TOOL
For the fuselage design a numerical analysis tool has been made. It imports the shape of the fuselage from CATIA,
through an .iges file. Other parameters such as the load factor and the engine horsepower are taken from an excel file
with import variables. The last input are the load cases needed to determine the moments and shear forces. When
the moments and shear forces are known, the normal and shear stresses can be determined. From these stresses the
Von Mises stress can be determined. Having all these stresses, it is investigated if the structure fails/ buckles. Finally
the weight of the fuselage is outputted and inputted in the mass distribution, and the whole program is ran again. A
graphical overview of the numerical fuselage analysis tool is Figure 5.15.

5.5.8 TOOL VERIFICATION AND VALIDATION
To ensure that the fuselage analysis tool produces correct values, verification and validation procedures have to be
performed. First of all for one cross-section a hand calculation was made. This showed, that the errors where smaller
than 1.5%, which is close enough for this stage of the design. Furthermore a unit check for all the formula’s have been
performed.

For validation some of the values where checked, with values from Roskam. The fuselage weight of the Cessna
152 was estimated to be 105 kg [55]. The fuselage weight of the trainer aircraft, from the analysis tool is 90.4 kg. This
difference is not too large, considering this is only a preliminary design. No detailed optimization has been done.
Furthermore in this preliminary design, cut-outs in fuselage, have not been taken into account, which increases the
weight.

The MMOI around the yaw-axis of the Cessna 172 is 2666 kg m2, the MMOI of the trainer aircraft from the fuselage
analysis tool is 2469 kg m2. However the MMOI due to the horizontal tail was neglected, so the MMOI seems realistic.
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Figure 5.13: Stress Distriubtions along the Fuselage [Mpa]

5.5.9 FINAL FUSELAGE DESIGN
The final design of the aircraft consists of 48 stringers, along the the whole fuselage. The cross-sectional areas of the
stringers vary linearly from 40 mm2 to 60 mm2. The skin thickness is 0.8 mm and there are 12 circumference frames
equally divided over the fuselage, with a cross-sectional area of 50 mm2. The maximum Von Mises stress is 1.56 times
higher than the fatigue strength of the chosen material. Which is aluminum 7075-T6, which has a fatigue strength of
159 MPa at 500 million cycles completely reversed stress [73]. The minimum difference between skin buckling and
Von Mises stress is 1.1 MPa, it is assumed though that buckling does not necessarily lead to failure of the fuselage.

The total design of the aircraft can be found in Table 5.6
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Figure 5.14: Difference between σcr for skin buckling and σm . [Mpa]

Figure 5.15: Block Diagram for the numerical fuselage analysis tool
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Table 5.6: Final Design of Fuselage

Number of Stringers 48 -
Number of Frames 12 -

Skin Thickness 0.8 mm
Cross-Sectional Area Stringer (at nose) 40 mm2

Cross-Sectional Area Stringer (at rear) 60 mm2

Cross-Sectional Area Frames 50 mm2

Distance between Frames 580 mm

Maximum Normal Stress 77 Mpa
Minimum Normal Stress -74 Mpa
Maximum Shear Stress 45 Mpa
Minimum Shear Stress -4.7 Mpa
Maximum Von Mises 101.7 Mpa
Minimum Column Buckling Stress 12056 Mpa
Minimum Difference between skin buckling and Von Mises 1.1 Mpa

Mass of the Stringers 48.8 kg
Mass of the Frames 37.6 kg
Mass of the Skin 4.0 kg

Total Mass 90.4 kg
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5.5.10 RECOMMENDATIONS
The values which have now been found for the fuselage design are merely a preliminary design. Further research
has to be done with major cut-outs in the fuselage; for example, at the windows. Around these cut-outs the extra
reinforcements have to be made. Furthermore a better optimization can be done in a subsequent design stage; for
example, in this design 48 stringers where used in the complete aircraft. This is however not necessarily the case, in
the tail maybe less stringers can be used, because skin-buckling is not really a problem in the tail at this moment.
Another problem is that 48 stringers, with a cross-section area of 60 mm2 will most likely not fit in the tail. Therefore
a more detailed study has to be made on the stringers. This preliminary design however, indicates is approximately
needed in the aircraft. The last thing that has not been considered yet in the fuselage design is the bulkhead behind
the engine. This will also increase the weight of the complete aircraft.

5.6 LANDING GEAR
In this section the preliminary design of the landing gear is discussed. First in Section 5.6.1 the requirements im-
posed by the CS-23 regulations and operational usage are discussed and determined. The tire selection is performed
in Section 5.6.2. After that the rear landing gear is sized in Section 5.6.3 followed by the nose landing gear in Sec-
tion 5.6.4. Other components needed for the landing gear like brakes, rims etc are discussed in Section 5.6.5. The
section is concluded with a summary in Section 5.6.6 and recommendations for future steps in Section 5.6.7.

The landing gear has a tricycle non retractable layout. This decision was already made in [64]. Reasons can be
found in the following list:

• Favorable for PPL training

• Good visibility over the nose during ground operation

• Good steering characteristics

• Level floor while on the ground

• Good stability against ground loops

These advantages are assumed to outweigh the disadvantage of increased drag and therefore higher fuel consump-
tion.

The design of the landing gear was part of the MATLAB loop explained in Chapter 3. Thus the weight and aircraft
characteristics used in this section belong to the last iteration made with the MATLAB program.

5.6.1 REQUIREMENTS
In this part the requirements for the landing gear design are discussed. Requirements for the landing gear are either
set by the operational capability of the aircraft or the CS-23 requirements which have to be fulfilled. Due to the role
as a trainer aircraft a durable and simple landing gear option is needed. Further the aircraft has to be able to operate
also under difficult airfield conditions since it cannot be assumed that all flight schools have access to a tarmac
airfield. Roskam gives some indication on the required tire pressure to allow for operation under different airfield
conditions. They are shown in Table 5.7.

Table 5.7: Recommended Tire Pressure for Various Surfaces [39]

Surface Max Allowable Pressure (kg cm−2) Tire Pressure (psi)

Wet, boggy grass 1.8-2.5 25-35
Hard desert sand 2.1-3.2 30-45
Hard grass 2.8-4.2 40-60

The CS23 regulations have been analyzed for requirements that influence the design of the landing gear. The
found requirements are tabulated in Table 5.8. These regulations differ in terms of how much they drive the design.
Therefore they were examined on the design influence and it was chosen that only CS23.473 is used for the initial
design of the landing gear. This selection is highlighted in Table 5.8.

Table 5.8: Relevant CS23 requirements for landing gear design [40]

.471 .485 .723 .731

.473 .493 .725 .733

.479 .497 .726 .735

.481 .499 .727 .745

.483

From that the following requirements for the preliminary design can be derived:

• The aircraft shall be able to perform landing, take-off and taxiing on wet grass airfields.

• The landing gear shall comply to the regulations in CS23.473(d) and (g).
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5.6.2 TIRE SELECTION
Tire selection was done according to the method given in Roskam [39]. First the weight distribution in static condi-
tions was determined. Since the center of gravity position was not known yet the assumption was made that 10% of
the weight is carried by the nose landing gear and 90% equally distributed by the main landing gear. This assumption
is valid according to Roskam.

Wnose = 63.68kg = 140.39lbs Wmain = 286.58kg = 631.80lbs (5.27)

An extensive resource of reference tire data is given in [41]. When examining this list it became clear that only Type
III tires are available in the required size range. A short extract of this list, with the most suitable tires, is given in
Table 5.9.

Table 5.9: Goodyear Type III Tire Data [41]

Size Ply Rating Rated speed
(mph)

Rated load
(lbs)

Rated infla-
tion (psi)

Maximum
braking load
(lbs)

Maximum
bottoming
load (lbs)

Part No Weight (lbs)

5.00-4 6 120 1200 55 1740 3200 504C61-2 4.3
5.00-5 4 120 800 31 1160 2200 505C41-4 4.9
5.00-5 6 120 1285 50 1860 3500 505C61-8 4.9
5.00-5 10 120 2150 88 3120 5800 505C01-2 5.7
6.00-6 4 120 1150 29 1670 3100 606C41-6 8.8

By examining this table it becomes clear that all tires meet the load requirement calculated above. In terms of
weight the five inch tires are the most suitable ones. The ply rating has an influence on the weight and the maximum
allowable load. Five inch tires with a ply rating of six and ten can carry considerable more weight than those with
a ply rating of four. But they also have a higher operating pressure. Since it was decided that the aircraft should
also be able to use grass airfields with an unfavorable ground tires with a ply rating over 4 are not suitable. However
dependent on the airfield surface also a more durable tire with a ply rating of six can be used without a weight penalty.

The selected 5.00-5 4 ply tire has to be checked against two more requirements. First the rated speed must not
be exceeded and second during landing with the maximum inertia factor the maximum bottom load must not be
exceeded. To check the speed requirement Roskam provides two formulas for calculating the maximum encountered
speed during landing and take off.

Vtire/max = 1.2VSL = 1.2 ·28.2 = 25.92m/s (5.28)

Vtire/max = 1.2VST O = 1.1 ·23.6 = 25.96m/s (5.29)

As one can see these speed are far below the maximum allowable speed of 120 mph. CS23.473 defines the maximum
inertia factor as 2.67. Assuming that the aircraft touches down without the nose landing gear at this load factor the
maximum encountered load becomes 1901 lbs per main tire which is below the limit of 2200 lbs. For the nose landing
gear the static load has to multiplied by a factor of 1.45 to determine the maximum dynamic load [39].

Pdyn = 1.45 ·Pstatic = 1.45 ·140.39 = 203.57lbs (5.30)

As one can see also this load is below the maximum load of 2200 lbs. Therefore the same tire can be used for the nose
wheel as well.

A sanity check was performed to compare the tire selection with tires used on aircraft with comparable size. For
this the Diamond DA-20 was selected with a maximum take of weight of 750 kg. [28] shows that this aircraft uses
5.00-5 tires. Thus it can be concluded that a reasonable tire choice has been made.

5.6.3 REAR LANDING GEAR
In this subsection the design of the rear landing gear is discussed. First in Section 5.6.3 the possible design options
for the rear landing gear are discussed. The preliminary strut sizing is performed in Section 5.6.3.

DESIGN OPTIONS

The different design options for a general aviation landing gear are given in Figure 5.16. First the spring leaf landing
gear is discussed in Section 5.6.3 followed by the spring tube landing gear in Section 5.6.3. The third option namely
the push-pull rod landing gear is treated in Section 5.6.3. Materials which can be used for the landing gear are
discussed in Section 5.6.3. Finally it is decided in Section 5.6.3 which concepts have to be further analyzed.

Spring Leaf Main component of a spring leaf landing gear is as the name says a leaf spring. Directly attached to
this spring are the tires. Thus it has the function of introducing the landing loads into the fuselage and at the same
time to provide the necessary stiffness. Advantages of spring leafs are their easy production and low cost. But due
to their flat rectangular shape with usually a constant thickness they are quite heavy. Sometimes they are laminated
with multiple layers at certain locations to provide a constant stress distribution along the spring. Damping is done
by tire scrub that is the friction of the tires with the ground during deflection of the landing gear.
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Figure 5.16: Design Option Tree for Rear Landing Gear

Spring Tube A spring tube is similar to a spring leaf landing gear. It also has the function of providing a certain
stiffness along with the load introduction into the fuselage. Difference is that a spring tube has a round shape. Often
they are tapered to provide a better stress distribution along the strut. They are more difficult to produce than spring
leaf landing gears but offer weight advantages. Damping of the landing gear is produced by tire scrub.

Push-Pull Rod A push-pull rod landing gear separates the function of load introduction and stiffness. The func-
tion of the rods is to introduce the load into the fuselage whereas the stiffness is achieved by a separate spring or
bungee ropes. Additional dampers can provide improved damping to prevent the aircraft from jumping during hard
landings. Advantages are the lack of the expensive spring landing gears. Further stiffness can be changed by only
exchanging the spring, whereas a spring tube or leaf landing gear requires a complete redesign. However a push-pull
rod landing gear requires a more complicated mechanism and requires more maintenance.

Materials For the design of the landing gear three materials were considered: aluminum, steel and titanium. Com-
posite landing gears were not considered because they are substantially more difficult to analyze and were therefore
out of the scope for this preliminary design.

For aluminum the 7075-T6 alloy was chosen because it offers a high yield and ultimate strength in comparison
with other alloys and is easily available. More advanced alloys like AL-LI alloys which offer a lower density together
with a yield strength of up to 690 MPa were not considered because no data were available on price and availability
[74]. For titanium the grade 5 alloy was chosen because it is the most commonly used alloy and offers excellent
properties. The steel alloy used for design was chosen to be 60SiCrV7 due its excellent properties and readily available
data. 60SiCrV7 is a steel which is used in automotive applications and is therefore quite common. The properties of
the materials are summarized in Section 5.6.3.

Table 5.10: Material options for landing gear [42]

Material E-mod [GPa] σy [MPa] σul t [MPa] Density [kg m−3]

AL 7075-T6 71.7 503 572 2810
TI Grade 5 114 910 1000 4450
ST 60SiCrV7 210 1650 1950 7430

As can be seen steel offers by far the highest yield strength but also has a high stiffness which is unfavorable in this
application. Aluminum offers a low stiffness but also a low yield strength. Titanium seems to have the best properties
due its stiffness close to the one of aluminum but the very high yield strength. However titanium is notorious for its
price and the difficulty to machine it.

Trade-off Due to the whole design philosophy of the project to create a robust and easy to maintain aircraft it was
decided to drop the push-pull rod landing gear layout. Higher production cost related with the spring tube/leaf
landing gears are assumed to be justified with lower DOC. To be able make a final concept choice a MATLAB tool has
been created for sizing and weight estimation.

STRUT SIZING

In this sub section the approach used for the rear landing gear strut sizing is discussed. Following simplifying as-
sumptions have been made:

• Energy of aircraft during maximum descent velocity is solely absorbed by main landing gear

• Load radius of tire can be subtracted from required landing gear deflection

• Tires have the same stiffness as main landing gear

• Fatigue is neglected

• Stress concentrations are neglected

• Constant shear force across cross-section

• No safety factor is applied during preliminary designs
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First the energy that has to be absorbed by the main landing gear has to be calculated. According to CS23.473 it
was determined that the maximum descent velocity is 2.47 ms−1. With an aircraft weight of 636.84 kg one obtains
a kinetic energy of 1942 J. By discretising the two landing gears as springs one can calculate the required deflection
and stiffness with the following two equations

E = 1

2
ks2

max a = k · smax

m
(5.31)

Substitute the energy, the weight of the aircraft and the maximum inertia load factor and solving both equations
yields a spring stiffness of k = 71600Nm−1 and a maximum required deflection of s = 0.233m. Thus each landing
gear leg needs a stiffness of k = 35800Nm−1.

With a peak inertia load factor of 2.67 one obtains a peak load per landing gear leg of 8340 N. As one can see in
the following picture this load can be decomposed in a part acting along the axis of the landing gear leg and in a part
acting orthogonal to it.

Fground

Fx

Fy

α

α

Leg

Fuselage

Figure 5.17: Landing gear geometry

The ground force can be decomposed as follows

Fx = Fground sin(α) Fy = Fground cos(α) (5.32)

Determination of α was done by examining the three view of a Cessna 152, a value of 30° was found. This value was
used for the preliminary design of the landing gear. Thus the forces acting along the landing gear axis and orthogonal
to it are Fx = 4170 N and Fy = 7223 N respectively.

The calculation of the landing gear deflection is done by a semi analytical approach. First the beam is discretised
into a number of section with length L. For every section the acting moment due to Fy is calculated. By looking
at Figure 5.18 one realizes that the deflection of a particular section is the sum of the displacement of the previous
section, the displacement due to the moment acting on the section and the displacement due to the slope of the
beam of the previous section [75].

ϕ

ϕ2

ϕ

δ

δ2

δ

Figure 5.18: Sign convention for vertical displacement of landing gear legs

This expressed in a formula yields

δtot = (δ1 +���φ0 ∗L)︸ ︷︷ ︸
disp. 1st section

+ (δ2 + (��φ0 +φ1)∗L)︸ ︷︷ ︸
disp. 2nd section

+ . . .+ (δn +
(

n−1∑
i=1

φi

)
∗L)︸ ︷︷ ︸

disp. nth section

(5.33)

Where the δi and φi are given by

δi =
Mi L2

i

2E Ii
φi = Mi Li

E Ii
(5.34)

From the tip displacement the spring stiffness can be calculated by Equation (5.35)

k = P

δtip
(5.35)
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Stress for every section in the landing gear was calculated by using the ’Flexure Formula’

σi = Mi yi

Ii
(5.36)

This method was implemented in MATLAB which was then used for the landing gear sizing. A flow diagram of this
script is given in Figure 5.19.

Figure 5.19: Landing Gear Design Flow Chart

Step 0 Define input parameters as variables.

Step 1 From the input parameters the required stiffness, required maximum deflection and forces along the axial and
lateral direction are computed.

Step 2 Assume a landing gear leg length. With the landing gear length the stiffness of the spring can be influenced.

Step 3 Discretise the beam into sections with constant width L. 1000 sections were chosen which was the outcome of
a grid convergence study for a rectangular beam of constant cross section.

Step 4 Calculate the moment distribution along the landing gear leg for every cross-section.

Step 5 Assume a start thickness, that is the thickness of the landing gear at the tip. A minimum thickness is required
at that point because some space for the axle attachment is needed. 1 cm for steel, aluminum and titanium
was assumed. For the spring leaf a start thickness and width was set.

Step 6 Determine the required thickness of the landing gear leg to meet ’Von-Mises-yield criterion’, invoke tip thick-
ness.

Step 7 Compute the area moment of inertia for every cross section along the landing gear leg.

Step 8 Calculate landing gear leg deflection and increase length if required.

Step 9 Calculate the weight of a landing gear leg along with its stiffness. On top of that the achieved stiffness is com-
pared with the required stiffness.

Spring Tube Designs Results of the spring tube design are given in Table 5.11.

Table 5.11: Spring tube landing gear designs

Material k [Nm−1] W [kg] L [m]

Aluminum 156.0 5.86 1.151
Steel 157.42 4.53 0.863
Titanium 120.53 4.59 0.951

It was possible with all three materials to design a landing gear which meets the requirements. As one can see
by inspection from Table 5.11 the steel and titanium version almost have the same weight. The aluminum version,
however, has a significant weight disadvantage especially because this 1.3 kg additional weight is going to double
since two legs are required. It also has to be noted that the aluminum landing gear is around 20 cm longer than the
other two. Al three landing gear designs are stiffer softer as specified by the requirements. However this offset of
stiffness is negligible small in comparison with the k = 35800Nm−1 required, especially for the preliminary design.
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Table 5.12: Spring leaf landing gear designs

Material k [Nm−1] W [kg] L [m]

Titanium 321 18.43 1.24

Spring Leaf Designs A design for a spring leaf landing gear was done which is shown in Table 5.12. As one can see it
meets the requirements but is almost 3.5 times heavier than the titanium landing gear in Table 5.11. It was therefore
decided to abandon this design since the possible cost savings during production cannot justify this severe weight
penalty.

Hollow Spring Tube Designs The third design approach was to design a landing gear which has a tubular cross
section but is hollow instead of the solid one described in the paragraph above. The specification of this design are
given in Table 5.13 as can be seen it was possible to reduce the weight for the titanium and steel version by almost 1
kg whereas a weight advantage of 0.5 kg was achieved for the aluminum version. Also in this design the landing gear
was slightly stiffer than required. Producing a hollow strut leads to higher production cost especially drilling a hole
with a large length to diameter ratio is problematic. One suitable production method is gun drilling which is used
for this kind of application [76].

Table 5.13: Hollow spring tube landing gear designs

Material k [Nm−1] W [kg] L [m]

Aluminum 152.8 5.31 1.154
Titanium 157.3 3.90 0.955
Steel 44.48 3.53 0.871

Trade Off Based on the three designs presented above it can be concluded that the spring lead layout is not suitable
for this application. Whether a hollow or solid strut should be used is dependent on the production cost. However
gun drilling is used for a long time and therefore a proven production method which should not introduce major
cost penalties. It is therefore decided to use a hollow landing gear design. Further the hydraulic lines of the brakes
can be stores in the strut which leads to a neater design. Steel is selected as the material since it is cheaper, allows for
shorter landing gear legs which is beneficial for drag and reduces the aircraft weight significantly.

5.6.4 NOSE GEAR
In this section the initial design of the nose landing gear is discussed. A nose landing gear for general aviation aircraft
usually consists of the following components:

• Wheel

• Strut

• Shock absorber

• Shimmy damper

• Steering mechanism

• Retraction mechanism (in this case not needed)

The wheel selection was done in Section 5.6.2. For the preliminary nose gear design it was decided to perform a
less elaborate analysis than in comparison with the main landing gear. This decision was made because of the non-
existence of different design options. All nose landing gears for general aviation have on the preliminary level a very
similar layout, off course big differences exist in the detail but these are not significant for this design stage.

For the nose gear strut a diameter of 2 cm is assumed with a hole size of 1 cm. This seems reasonable, especially
by considering the results from Section 5.6.3. The length of the nose gear strut is the same as the height of the rear
landing gear which is 60.8 cm. This ensures a level aircraft during ground operations. The expected nose gear load
was already specified in Section 5.6.2. A sanity check was performed by using the Euler buckling formula (one end
fixed, the other free to move), by using the same steel as for the main landing gear a buckling load of 20491 N was
obtained. This is far below the expected nose gear load. For a more elaborate design the nose landing gear has to be
checked against bending loads which occur due to wheel drag and obstacles as well as the stiffness and its effects on
vibrations induced by the ground surface.

Shock absorption is usually achieved by means of an oleo strut. An oleo strut is a shock absorber of two tele-
scoping struts. The upper part is called the cylinder and the lower part piston. Both parts form a chamber which
contains a gas and oil. For the gas the most common choices are air or nitrogen. When a load is applied to the lower
part that is the piston the air gets compressed and provides stiffness. Further there is a plate with an orifice in this
arrangement. When the piston is pushed upwards, the oil gets forced through the orifice and by that the oleo strut
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performs damping action. Damping capability is important, since bouncing of the aircraft on the ground has to be
prevented. The oleo strut length can be approximated by the following formula [39]:

E = 1

2
mfrontv2

l = Pdyn · soleo (5.37)

The force of an oleo shock absorber is, in contrast with springs, can be assumed to be constant with deflection [39].
Solving this equation yields to an oleo strut length of 11 cm. This oleo is small enough to be in line with the nose
landing gear strut. Therefore weight of the nose landing gear strut and the oleo together is assumed to be

Wstrut+oleo = Lπ(r 2
out − r 2

i n)ρsteel = 1kg (5.38)

Shimmy is the rotational oscillatory movement of the nose landing gear around its steering axis. This oscillation
is usually triggered by some kind of ground obstacle and can cause severe nose gear damage up to the point where it
detaches from the fuselage. To compensate for this effect shimmy dampers are used. Since this aircraft is expected to
operate on rough ground like grass a shimmy damper is incorporated in the nose gear assembly. Weight estimation
was performed by looking at shimmy dampers of aircraft with comparable size. The weight is given in Table 5.14

Steering during taxiing on the ground can be done by either differential braking or a steering wheel. A combi-
nation of both is possible as well. For the design of this aircraft improved steering capability is desired since a lot of
taxiing has to be performed during flight training.

5.6.5 OTHER REAR LANDING GEAR COMPONENTS
Apart from a properly sized landing gear strut other components like rims, brakes and axles are required. In the
case of a general aviation aircraft these components are standard products produced by certain aircraft suppliers. In
Table 5.14 the remaining required components are listed. The listed components give a good indication in terms of
cost and weight. If exactly these components are going to be used has to be determined in a later design stage.

Table 5.14: Aircraft landing gear aftermarket products [41, 43–45]

Manufacturer Part No Description Static Load Rating
[lbs]

Weight [kg] Price [$] Amount

Grove Aircraft 51-201 51-1M Rear rim with brake 800 2.54 779.00 2
Grove Aircraft 5013 Rear axle 1250 0.42 44.00 2
Grove Aircraft 59-2M Nose rim 800 1.09 319.00 1

Manufacturer Part No Description Weight [kg] Price [$] Amount

LORD SE1051-2 Shimmy 0.472 849.00 1
Cessna Aircraft 0942200 Nose wheel fairing 1.157 ? 1
Cessna Aircraft 0941200 Rear wheel fairing 1.697 ? 2
Goodyear 505C41-4 Nose gear tire 2.205 ? 1
Goodyear 505C41-4 Main gear tire 2.205 ? 2

Front axles are not produced by ’Grove Aircraft’ but due to the same axle diameter it is assumed that the weight
of a front axle is 0.42 kg as well. Other components like master cylinder, hydraulic lines, fluid and brake pedal were
not included. Brake pedal and master cylinder is counted towards fixed equipment in the weight budget. Hydraulic
lines, brake fluid, bolts, nuts and wheel pants are accounted for by a contingency of 15%.

5.6.6 SUMMARY
Design driving requirements of the landing gear were analyzed. It was chosen to use a tricycle non retractable landing
gear. A MATLAB tool was created to perform a trade off between different spring strut/leaf landing gear options. It
was decided to use a steel tapered hollow strut main landing gear. Design of the nose landing gear was mainly derived
by inspection of reference aircraft an no thorough stress analyses was performed, but from main landing gear sizing
it was possible to proof the feasibility of the design. The weight of the landing gear components is summarized in
Table 5.16. A drawing of the landing gear can be found in Table 5.16.The radii of the main landing gear strut along its
length are given in Table 5.15.

5.6.7 RECOMMENDATIONS
After the preliminary layout of the landing gear several further steps have to be performed. First the remaining CS-23
regulations have to be taken into account for the landing gear design. For both the main and the nose landing gear
a vibrational analysis should be performed. This enables to find the eigenfrequency of the landing gear and cross
check it with the expected loads during take-off, landing and taxiing. An example vibrational analysis can be found in

Table 5.15: Radii of main landing strut

Length Strut (% Length) 0 10 20 30 40 50 60 70 80 90 100

Radius (cm) 1.00 1.00 1.06 1.19 1.29 1.38 1.46 1.53 1.59 1.65 1.71
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Table 5.16: Weight of landing gear

Component Weight [kg]

Main landing gear struts 7.06
Nose landing gear strut 1.00
Aftermarket products 19.07

Total 27.13
With contingency 31.25

[77]. For the main landing gear the fuselage integration has to be designed carefully due to the high induced bending
moments. Further analyses could include the use of FEM software for code validation and design optimization.
Another field of interest is fatigue analysis, for the preliminary design the assumption was made that it is negligible,
in a more elaborate analysis this assumption should be validated. The steering mechanism and the oleo/shimmy
integration need to be engineered with care. Last but not least a production plan has to made which should take into
account the advanced geometry of the main landing gear with the aim of reducing production cost.

5.7 PRODUCTION PLAN
In this section a preliminary production plan of the aircraft is presented. A schematic overview is given in Figure 5.20.
This flow diagram show the production plan on an assembly level. Parallel activities are positioned above each other
on the same horizontal position.

First 4 separate sub-assemblies are produced these are the fuselage structure, the wing, the empennage and the
landing gear assembly. The aluminum fuselage structure functions as the main part which all other parts get at-
tached to in the assembly process. The wing assembly contains the wing box, the ailerons and flaps with its control
mechanisms together with part of the aircraft’s electrical and fuel system. These parts can all be assembled parallel
to each other. The wing assembly is then put together like ’Lego bricks’. The same philosophy applies for the em-
pennage and landing gear assembly. The empennage contains the tail structure and the rudder and elevator control
surfaces and its control mechanisms. The landing gear system is composed from the landing gear struts, wheels,
tires, brakes and other components.

In the integration phase the fuselage, wing, empennage and landing gear assembly are put together. From this
point onwards the remaining components can be integrated. These include the avionics, the reamining electrical
system, flight controls and brake hydraulics. Sequential to this part, the engine integration can be performed. Finally
furnishing can be installed, the aircraft can get painted and the final tests before delivery can be performed.

Figure 5.20: Production plan



48 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

6
AERODYNAMICS

The aerodynamic characteristics of the aircraft will be discussed in this chapter. First an (preliminary) airfoil selec-
tion will be done, then the aerodynamics tool will be discussed, after that the results will be presented and discussed
and at last recommendations for future work will be provided.

6.1 AIRFOIL SELECTION
In this section, the airfoil selection will be performed. First the selection criteria will be discussed. Than a first
selection will be made and last one airfoil will be selected.

6.1.1 CRITERIA AND WEIGHTS

MAXIMUM LIFT COEFFICIENT (Clmax )
The maximum lift coefficient of the airfoil greatly influences the maximum lift which can be achieved from the three
dimensional wing. Therefore, a high Clmax is preferable, such that it allows for simple high lift devices, as complex
high lift devices imply a higher structural weight and a higher cost. A relative weight of two has been given to this
criterion.

THICKNESS RATIO (t/c)
The thickness ratio of the airfoil is an important shape parameter, which determines the space available in the wing
to store things; for example, fuel and actuators. In this stage the full layout of the FBW system is not known yet. This
can influence the needed storage space in the wing (due to actuators). Therefore, for now the actuators are assumed
to be located inside the wing. Next to the storage space, a high thickness ratio is also preferable for structural reasons,
as it increases the moment of area. A relative weight of three has been given to this criterion.

PITCHING MOMENT COEFFICIENT (Cm )
As a high value for Cm of the airfoil implies a high value for the pitching moment of the three dimensional wing, a
low Cm is preferable. High values of Cm require higher trim forces and therefore trim drag. A relative weight of two
has been given to this criterion.

CRUISE AND CLIMB DRAG COEFFICIENT (Cdcr ui se & CdC L=1.2 )
Both cruise and higher lift conditions are important to a trainer aircraft. Therefore the drag coefficient in both cruise
and a higher lift condition are considered (in this case Cl = 1.2). A relative weight of one has been assigned to the
drag coefficient in cruise condition and 1.5 for the drag coefficient in higher lift conditions.

STALL BEHAVIOR

Assuming that even though flight envelope protection is available during flight, stall training has to be performed so
the stall behavior of the aircraft is important. A sudden loss of lift is harder to recover from than a gradual loss of lift.
Next to that, the consequences of overshoot of the stall protection part in the flight envelope protection will be less
when a gradual loss of lift occurs. A relative weight of one has been assigned to this criterion.

6.1.2 FIRST SELECTION

The first selection of the airfoils is based on the design lift coefficient. The design lift coefficient can be calculated
with Equation (6.1). A suitable airfoil follows when the value of Cl is equal to Cldesi g n

. The factor 1.1 in front of the
equation accounts for loss of lift due to trim and the difference between two and three dimensional wing.

Cldesi g n
= 1.1

(
W

S

2

ρV 2
cr ui se

)
(6.1)

Using the already determined values of W
S , ρ and Vcr ui se , a Cldesi g n

equal to 0.3931 can be found. Four airfoils have
been selected with a Cldesi g n

around 0.4: NACA 3416, NACA 63-415, Eppler 540 and Eppler 545.
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Table 6.1: Airfoil Trade-off matrix

Parameter [weight] NACA 3416 NACA 63-415 Eppler 540 Eppler 545

Clmax 0 - - -
t/c 0 - + +
Cm 0 - + 0
Cdcr ui se 0 + + 0
CdCl =1.2 0 - - -

Stall behaviour 0 - - -
Total 0 -9.5 -0.5 -2.5

6.1.3 TRADE-OFF MATRIX

The four selected airfoils have been analyzed using XFLR5, at a Reynolds number of around 3·106 and a machnumber
of 0.15 (cruise condition). The lift, drag and pitching moment results of the four airfoils are presented in Appendix B.
The results of the trade-off are presented in Table 6.1.

As can be concluded from Table 6.1, the airfoil selected for further analysis will be NACA 3416.

6.2 AERODYNAMICS TOOL
In order to estimate the aerodynamic behavior of the aircraft, a model had to be created. The used method and the
verification and validation of the model will be discussed in this section.

6.2.1 METHOD
In general the Class II method for estimating aerodynamic behavior from Roskam has been used.

LIFT

The Class II method for estimating lift coefficients can be found in [56] Chapter 8. As these methods are published
around 1985, more modern techniques can be substituted for some parts. For all steps which involve analysis for a
two dimensional wing, XFLR5 has been used.

The first two characteristics of the three dimensional wing follow from the airfoil. These are the zero lift angle of
attack and the angle of attack till which the curve is linear.

Next to that the slope of the curve in the linear part of the CL range has to be calculated. This consists of the
slope of the wing (including an interference correction with the fuselage) and the slope of the horizontal tail. These
are combined into a slope for the whole aircraft with Equation (6.2) together with (semi-)empirical estimations for

parameters as
(

Vh
V

)2
and dε

dα .

(
CLα

)
ai r cr a f t =

(
CLα

)
wi ng− f usel ag e +

(
CLα

)
t ai l

Sh

S

(
Vh

V

)2 (
1− dε

dα

)
(6.2)

The stall angle has been found with the method proposed in section 8.1.3.4 of Roskam book VI [56]. This method
needs the maximum lift coefficient of the two dimensional wing, evaluated at the Reyenolds number of both the root
and the tip. Next to that the span wise lift distribution is needed. This can be obtained from the MATLAB program
TORNADO [78]. This program has been adapted to output the lift distribution for multiple angles of attack. The
maximum two dimensional lift coefficient has been assumed to be linear between root and tip. At at certain angle
of attack, line will be tangent to the span wise distribution. At this angle of attack stall begins. Using numerical
integration, the maximum lift coefficient has been found.

The changes of the lift coefficient due to high lift devices have been calculated by using the methods proposed
by Roskam in Chapter 8. The program computes the needed flap deflection for the initially sized flaps, when flaps
have to be increased, a warning will be shown to the user.

The code architecture for the lift prediction has can be found in Figure 6.1.
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Figure 6.1: Lift prediction code architecture
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DRAG

The drag coefficient estimation of Roskam consists of parasite drag induced drag. Due to problems with the methods
used for induced drag, the drag has been estimated assuming a parabolic shape of the curve as seen in Equation (6.3).

CD =CD0 +
C 2

L

πARe
(6.3)

However, during verification, it turned out the Oswald efficiency was ridiculous and the method for estimating the
Oswald efficiency has been replaced by the method explained in [79].

The value of CD0 includes the contributions of the wing, fuselage, vertical/horizontal tail, windshield and landing
gear. For take-off and landing condition, a correction has been added in order to contribute for the increased parasite
drag due to flaps. A correction have been added to account for trim drag.

The code architecture for predicting drag can be found in Figure 6.2.

Figure 6.2: Drag prediction code architecture

PITCH MOMENT

The pitching moment calculations are limited to the zero lift pitching moment coefficient. This consists of the con-
tribution of the wing and the contribution of the fuselage. The contribution of the wing has been estimated using



52 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

the zero lift pitching moment of the two dimensional wing, found from XFLR5. The slope of the pitching moment
follows from Equation (6.4).

dCM

dCL
= xcg −xac

M AC
(6.4)

Changes in zero lift pitching moment, of the airfoil are found using statistical data from Roskam. This has been
turned into a three dimensional wing using the same method as before, except adding the difference in two dimen-
sional pitching moment.

The code architecture for the pitching moment can be found in Figure 6.3.

Figure 6.3: Pitch prediction code architecture

6.2.2 VERIFICATION & VALIDATION

VERIFICATION

Verification has been done continuously during programming of the tool. This was necessary in order to check the
digitization of all the figures with empirical data. Verification mainly has been done on checking whether the code
produces the same results as when it will be done by hand. This gave no errors until the induced drag has been
checked.

The induced drag did not seem to give a proper fit. Due to time constraints, the methods for calculating all
the different contributions of the drag have been removed and a quadratic relation with the aircraft’s lift has been
assumed. A new problem was introduced by this adjustment: Roskam’s method estimated a Oswald efficiency bigger
than 1. This is not possible, therefore another method has been implemented which has been described in [79].

VALIDATION

Validation has been performed by analyzing the data of the Cessna 172. Not all the aerodynamic characteristics of
the Cessna 172 are known, but some can actually be compared to the code. The parameters which are compared are
the parasite drag coefficient (CD,0), Oswald efficiency (e) and flap deflection needed for landing conditions (δ f ). The
results of the validation are summarized in Table 6.2.

Table 6.2: Validation parameters/data

Parameter Data Code output Difference

e 0.75 0.8045 7.30%
CD,0 0.0319 0.0305 4.60%

δ f [deg] 40 43 7.50%

From this table it seems that the code slightly underestimates the drag coefficients. This discrepancies probably
introduced due to the use of (semi-)empirical methods, which are unlikely to have a perfect fit with reality.

As lift to drag ratios from this analysis tool will be used in further analysis and in iterations of the design sequence,
one should be careful while verifying requirements; for example, when range requirements are "just verified" an the
lift to drag ratio is lower in reality, the requirement changes into "not verified".

6.2.3 SENSITIVITY
In order to get a view on how the aerodynamics of the aircraft can be optimized, a sensitivity analysis has to be
performed. Due to time constraints, this will be limited to the drag coefficient of aircraft. Assuming the fuselage
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(b) Sensitivity of parasite drag

Figure 6.4: Drag coefficient sensitivity

geometry is fixed, the effect of changing the wing plan-form is analyzed. This is done by varying the taper and aspect
ratio of the wing. Next to that, the influence of weight on dimensional drag will be discussed.
From Figure 6.4a can be found that the induced drag is very sensitive when changing aspect-ratio and relatively
insensitive when changing taper-ratio.
From Figure 6.4b can be found that the parasite drag is equally sensitive when changing taper and aspect ratio.
However, the relative changes in parasite drag are still quite insensitive when compared with the changes in induced
drag form the aspect ratio.

Next to this, a simple analysis of the influence of the weight on the (dimensional) drag can be analyzed.

D = 0.5ρV 2SCD = 0.5ρV 2CD

(
W

S

)−1

W (6.5)

From Equation (6.5) can be found that drag increases linearly with weight, assuming that the drag coefficient, veloc-
ity, density and the design point stay the same.

6.3 RESULTS
The results of both lift an drag will be discussed in this section. The results are analyzed using the mechanical back-
up configuration.

6.3.1 LIFT
The lift coefficient results have been plotted in Figure 6.5.

−15 −10 −5 0 5 10 15 20
0

0.5

1

1.5

2

α [deg]

C
L
 [−

]

 

 

Clean configuration
Take−off flaps
Landing flaps

Figure 6.5: CL vs α



54 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

Clean, take-off and landing conditions are considered. As can be seen, the maximum lift coefficient, needed in
landing condition has been reached. This has been accomplished by using a simple flap, covering the wingspan
from 10 to 71% and covering the wing chord from 75% to the trailing edge.

The flap deflections needed for take-off lift and landing lift are respectively 7 and 27 degrees. This is rather low
for a simple flap. As usually, the landing flap deflection of a simple flap is about 40 degrees.

6.3.2 DRAG
The results of the drag analysis are presented in Figure 6.6.
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Figure 6.6: CL vs CD

As can be seen, the drag increases with lift (induced drag). The drag also increases heavily due to flap deflection.
However, the difference between landing and take-off configuration is not as big as between clean and take-off con-
figuration, although the flap deflection increases more between take-off and landing configuration. This is due to
the altitude and speed difference between clean (cruise) and the landing and take-off.

6.3.3 PITCHING MOMENT
The results for the pitching moment can be found in Figure 6.7.
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Figure 6.7: CM vs α

As can be seen, the pitching moment is highly influenced by flap deflection. In Chapter 7, these results are further
used in trim calculations and elevator sizing.

6.3.4 RECOMMENDATIONS
As the flap deflections turned out to be a little low, it is recommended to resize the flaps (make them smaller along
the wingspan). This will also give more space for the ailerons.

For further optimization, a custom airfoil can be designed, in order to minimize the drag of the aircraft.
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As the Roskam method is mainly based on statistics, a more refined method should be used in further design
stages. Computational fluid dynamics software can be used to get a more realistic estimation of the aerodynamic
characteristics of the aircraft.

The influence of the fuselage geometry on the drag coefficient should be analyzed. After that, the fuselage shape
should be optimized for minimum drag.
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7
STABILITY AND CONTROL

In this chapter, the stability and control of the aircraft is analyzed. First the horizontal and vertical tails are sized
according to methods from Roskam. Next the dynamic stability is analyzed using the program CEASIOM, which
presents results on the five different eigenmodes. Finally the hinge moments on the control surfaces are determined,
which includes the performance of these surfaces.

7.1 STATIC STABILITY
This section will focus on the static stability of the aircraft. First of all, a design choice is presented between inherently
and de-facto stable. Next the horizontal and vertical tail are sized, along with the control surfaces.

7.1.1 INHERENTLY STABLE VS. DE-FACTO STABLE

The first decision that needs to be made while analyzing the stability and control of the aircraft, is whether the air-
craft is inherently stable or de-facto stable. For an aircraft to be inherently stable, it should not rely on a feedback
augmentation system for their stability. De-facto stability is when the aircraft is only stable with a feedback augmen-
tation system [53]. With the FBW system incorporated in this design, de-facto stability is something that could be
achieved. However, it was chosen that in this preliminary design the aircraft needs to be inherently stable. In more
detailed design, options could be explored where de-facto stability is an option. This will lead to smaller tail sizes
and thus leading to weight and drag reductions.

7.1.2 HORIZONTAL TAIL SIZING

The horizontal tail surface has been sized in order to comply with a certain static stability margin. Roskam [53] states
that this should be 0.1 for single engine propeller driven aircraft. However with the FBW system in the aircraft, this
stability margin could be decreased. Using a mechanical back-up system, it was chosen to select a stability margin of
0.1. For the full FBW system the stability margin is chosen to be less, which results in lower surface area. The stability
margin is further defined using Equation (7.1).

SM = xac −xcg (7.1)

To size the horizontal tail, the location of the center of gravity and aerodynamic center are plotted against the tail
size in a so-called x-plot, as shown in Figure 7.1. This x-plot shows how the locations vary with the surface area of the
horizontal tail, and allow for a quick selection of a stability margin. Table 7.1 shows the results from the horizontal
tail sizing, where the aspect ratio was fixed at the start. In order to increase aerodynamic performance, the aspect
ratio has to be as high as possible. This optimization is based on reference aircraft only.

Further investigation can be done on th influence of the AR on the aerodynamics, this was outside of the scope.

Table 7.1: Results of the horizontal tail sizing

Dimension Value Unit

ηei 0.1 [-]
ηeo 0.9 [-]
Λc4 0.175 [rad]
λh 0.5 [-]
AR 4.3 [-]
be 2.31 [m]
bh 2.90 [m]
ce 0.24 [m]
ch 0.67 [m]
Se 0.63 [m2]
Sh 1.96 [m2]
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Figure 7.1: The x-plot used in sizing the horizontal tail

TRIM ANGLE HORIZONTAL TAIL

For this preliminary design of the aircraft it is decided to have the lowest possible (negative) trim angle, while satis-
fying the requirements for the most critical flight situations. The most critical flying situation for elevators is landing
as at this condition you have the highest flap angle, which induces the highest hinge-moment to be counteracted.
Nevertheless, there is a limit on the max./min deflection angle in order to avoid a tail stall. The negative(up) limit is
defined at -20 deg, the positive(down) limit is defined at 25 deg.[6] In the further calculations, the trim angle of the
horizontal stabilizer ih is be determined applying longitudinal moment equilibrium. Firstly, the required Tail CLh

and Wing Lift Coefficient CLw are computed with the equations for vertical equilibrium and for moment equilibrium
in Matrixform 7.2. ηh is estimated from Roskam.[ xcg −xac

cw

Sh
Sw
ηh

xcg −xac

cw

1 Sh
Sw
ηh

][
CLw

CLh

]
=

[ −Cmac
MT OW

1
2ρV 2

]
(7.2)

The incidence angle for longitudinal trim at cruise(δe,cr ui se = 0 rad) is computed with Equation (7.3).

ih =CL,h/CL,hα −αh =−4.4deg (7.3)

The Lift coeffient derative with angle-of attack of the horizontal tail CL,hα is estimated from Roskam methods. [56]

ACCEPTABLE ELEVATOR DEFLECTION RANGE

Now it has to be made sure, that in the most critical flight condition, the elevator deflection lies inside the acceptable
elevator deflection range.

From [80], it is know that the most critical condition is the landing configuration right above stall speed with fully
extended flaps.

From the first line of the Matrix equation, assuming a wing lift coefficient of CLw = 1.3, the required horizontal
tail lift coefficient CLh for equilibrium is determined. Now the elevator deflection is computed with

δe =
CLh −CLhα

(αh + ih)

CL
hδe

(7.4)

,where the derivatives CL
hδe

and CLhα
are estimated with Roskams Method [56].

Trimming for cruise implies an elevator deflection outside the elevator range; therefore, in the landing configura-
tion, the stabilizer incidence angle has to be increased more negatively, resulting in a corrected Tail incidence angle
of ih =−5.5 deg. Comparing this incidence angle seems with reference aircraft this angle seems to be relatively high.
For the future work, it is therefore recommended to perform an alternative analysis of the lift surfaces with a CFD
method in order to evaluate the reliability of the results.

7.1.3 VERTICAL TAIL SIZING
The vertical tail has been sized using a requirement for the lateral stability derivative Cnβ , taken from Roskam and

equal to 0.0573 rad−1. First the contribution of the fuselage to Cnβ is calculated using Equation (7.5). Next the
contribution of a vertical tail is added using Equation (7.6) and this relation is used to plot the surface of the vertical
tail versus Cnβ . Using the requirement for Cnβ from Roskam, a vertical tail surface can be acquired. Of course when
using a FBW system, this requirement can relaxed and the Cnβ could be decreased in order to get smaller tail sizes.
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Cnβ f
=−KnKR1 (

SBS l f

Sb
) (7.5)

Cnβ =Cnβ f
+CLαV

(
SV xv

Sb

)
(7.6)

Using this procedure, several iterations were done in order to get a final result. Figure 7.2 shows the resulting plot for
the sizing of the vertical tail. As can be seen, the iterations do not really change the result significantly as the input
from Class I results is already fairly accurate. Table 7.2 shows the results of the vertical tail sizing and include all of
the relevant dimensions of the vertical tail.
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Figure 7.2: Lateral x-plot for sizing the vertical tail

Table 7.2: Results of the vertical tail sizing

Dimension Value Unit

ηr udderi 0 [-]
ηr uddero 1 [-]
Λc4 0.4 [rad]
λv 0.5 [-]
AR 2 [-]
br 1.17 [m]
bv 1.17 [m]
cr 0.19 [m]
cv 0.58 [m]
Sr 0.27 [m2]
Sv 0.68 [m2]

RUDDER DESIGN REQUIREMENTS

FAR-P23-section 233: aircraft muse be able to carry out 90 degrees crosswinds landing up to a wind velocity of 25
knots.[6]
MFT-PROJECT-06:The aircraft shall have a minimum demonstrated crosswind of 15 kts.

CROSSWIND LANDING

The most critical speed is the max. allowable crosswind Vcr oss = 25kts = 12.86m/s at minimum flight speed (1.1Vst al l =
23.837m/s) (see Fig Figure 7.3). Now it has to be made sure, that in this flight condition, the rudder deflection lies
inside the elevator deflection range in order to avoid stall. From reference literature it is assumed a rudder deflection
range of −25deg < δr < 25deg. [6]

CROSSWIND CALCULATIONS

This equation is used to determine the side force on the aircraft.

Fw = 1

2
ρV 2

cr oss SSCD y =
1

2
ρV 2

cr oss SSCD y = 344.4N (7.7)
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Table 7.3: Input for crosswind calculations

Variable Value Unit

Vcr oss 12.86 [m s−1]
Vst al l 21.67 [m s−1]
Vappr oach 23.84 [m s−1]
SS 5 [m2]
CD y 0.65 [-]
dc 0 [m]
Cn0 0 [-]
Cy0 0 [-]
Cnβ 0.057 [-]
Cnδr

-0.21 [-]
Cyβ -0.3 [-]
Cyδr

0.187 [-]

Figure 7.3: Drawing corresponding to the crosswind calculations[6]

Now the corresponding sideslip-angle β is determined.

β= tan−1(
Vcr oss

Vappr oach
) = 0.4947r ad ≈ 28.34deg (7.8)

Now, assuming CD y = 0.65 and assuming the center of side area lying at the same distance from the nose as the
center of gravity, this results in two equations with two unknowns, the rudder deflection δr and the crab angle σ :

1

2
ρV 2

T Sb(Cn0 +Cnβ (β−σ)+Cnδr
δr ) = 0 (7.9)

1

2
ρV 2

cr oss SSCD y =
1

2
ρV 2

T S(Cy0 +Cyβ (β−σ)+Cyδr
δr ) (7.10)

Solving these equations a crab angle and a rudder deflection angle is obtained. As the rudder deflection lies
far below the maximum, it is approved that the aircraft is designed such that it is able to land with the crosswind
specified in the regulations.

7.2 AILERON SIZING
For designing the aileron, four parameters need to be determined. The aileron platform area Sa , the aileron chord ca ,
the maximal aileron inward and outward position ηie and ηoe . The maximum up and down aileron deflections are
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taken from[6]. Following the recommendations to size first the flaps and then the elevator[6], the location of inner
edge of the aileron along the wing span (ηia , ηoa ) is limited by the flap design up to 70 percent of the wingspan. The
final design is affected by the required hinge moment, the aileron effectiveness, aerodynamic and mass balancing,
flap geometry, aircraft structure, and cost.

Table 7.4: Main Wing Parameters

Parameter Value Unit

b 10.69 [m]
ηia 0.72 [-]
ηoa 1 [-]
ca 0.21 [m]
cw 1.07 [m]
Sa 0.6735 [m2]

A chord length of 20 percent of the wing chord was utilized based on reference aircraft.

7.2.1 REQUIREMENTS ON ROLL RATE
From FAR 23.157 there is the requirement, that the aircraft should be able to reach a bank angle of 60 deg in 4 sec.
Furthermore from [6] it is desired that a bank angle of 45 deg can be reached in 2.5 sec for Level 2 Pilot comfort. The
recommended max deflection lies usually at +- 25 deg, as at higher deflections usually flow separation occurs.[6]

7.2.2 ROLL RATE: CALCULATIONS
The Aileron roll control derivative is estimated with the following equation.[6]

Clδα
=

2CLαW
τCr

SB

[
y2

2
+ 2

3

(
λ−1

b

)
y3

]yo

yi

(7.11)

tss =
√

2φ1

Ṗ
(7.12)

With this the aileron lift a the induced moment can be determined. Now the steady state roll rate and the bank
angle, at which this is achieved, are determined. From this, the roll rate acceleration is calculated, which is used in
Crefeq:tss to calculate the time to reach the required bank angle.

Pss =
√

2L A

ρ(Sw +Sh +Sv )CDR y3
D

(7.13)

Ṗ = Pss

2φ1
(7.14)

A settling time of 2 seconds is needed with which a Level 2 pilot comfort is achieved, which is suitable for this
application.

7.3 HINGE MOMENTS
In order to size the actuators the hinge moments are required. Using the following two equations for the horizontal
tail as an example, the hinge moments for the rudder (Figure 7.9, Figure 7.10), aileron (Figure 7.7,Figure 7.8) and
elevator (Figure 7.5, Figure 7.6) are estimated. Eq. 7.15 calculates the control surface hinge coefficient, with the hinge
moment using the hinge moment derivatives Chα , Chδe

and the zero angle of attack hinge moment as an input. These
values are computed and validated with the methods and data of reference aircraft provided in Roskam’s Method [56],
which were digitized with MATLAB. The program schematic is presented in Figure 7.4.

Ch=Ch0+Chααh+Chδδ (7.15)

HM=Ch q̄Sc cc (7.16)

7.3.1 ELEVATOR
The elevator hinge moment shows a linear behavior with respect to deflection angle. Furthermore you can see in
Figure 7.5, that at α = 0 deg the δe = 0 corresponds to Mh = 0 Nm, as one would expect. With increasing angle of
attack α, a negative (upwards) deflection δe is needed in order to have Mh = 0 Nm. When the control surface area is
increased, the absolute value of the hinge moment increases linearly and a steeper hinge moment line appears.
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Figure 7.4: Schematic of hinge moment calculation procedure using Roskam

Figure 7.5: Variation of hinge moment for the elevator with angle of attack, with ce = 0.4∗ ch and hinge line at 0.2∗ ce

Figure 7.6: Variation of hinge moment for the elevator with elevator chord, hinge line at 0.25∗ ce and α= 10 deg
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7.3.2 AILERON

When the angle of attack α= 0 deg, the hinge moment is Mh = 0 at a deflection of δa = 0 deg and increases linearly
with a negative slope. Now when the angle of attackα is increased, the curve shifts to the left and a negative(upwards)
deflection of the aileron is needed in order to have Mh = 0 Nm, as expected. Now, when the area of the aileron is
increased, the (negative) slope is increased, as the hinge moments Mh increase.

Figure 7.7: Variation of hinge moment for one aileron with angle of attack, with hinge line at 0.3∗ ca and ca = 0.2∗ cw

Figure 7.8: Variation of hinge moment for one aileron with aileron size, with hingeline at 0.3∗ ca and α= 0 deg

7.3.3 RUDDER

The rudder hinge moment shows also a negative slope and a leftwards shift of the curve with increased angle of
sideslip β. Again, increasing the control area yields a steeper(more negative) slope, as the hinge moments Mh in-
crease for a certain rudder deflection δr .

7.3.4 RECOMMENDATIONS

From [81], there is the rule of thumb, that the relation between the control forces for aileron to elevator to rudder,
should be approximately 1 to 2 to 6, respectively. Nevertheless, a relation of 1:10:0.1 was determined with this design,
as the rudder Hinge moments are relatively low. Furthermore, the incidence angle appears to be higher than the
reference aircraft of similar configuration. It is therefore recommended to recalculate the derivatives using other
design books or even CFD methods, if possible.
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Figure 7.9: Variation of Hinge moment for the rudder with sideslip angle, with hinge line at 0.1∗ cv and rudder chord cr = 0.4∗ cv

Figure 7.10: Variation of Hinge moment for the rudder with control surface size, with hinge line at 0.2∗ cr and β= 20 deg

7.4 DYNAMIC STABILITY

For analyzing the dynamic stability of the aircraft, use has been made of the program CEASIOM. In this program,
the aircraft can be fully modeled. This includes the dimensions of the structure, but also the center of gravity loca-
tions including payload and fuel. Using this information, the program analyzes the response of the aircraft during
the different eigenmodes. Both longitudinal (phugoid and short period) and the lateral (Dutch roll, roll and spiral)
eigenmodes will be analyzed using this program.

The eigenmodes will be analyzed at cruise speed at different altitudes ranging from 0 to 2500 m. For each eigenmode
there is a figure about the stability of the motion, a table containing some characteristics and finally some response
plots. As the CS-23 requirements do not provide specific requirements on the frequency and damping characteris-
tics, the military requirements will be taken as a guideline. There are three different levels for these requirements,
expressing the handling quality of the aircraft [57]:

• Level 1: Flying qualities which are clearly adequate for any given mission phase
• Level 2: Flying qualities which are adequate to complete the mission flight phase but some increase in pilot

workload or degradation in mission effectiveness, or both, exists.
• Level 3: Flying qualities such that the aircraft can be controlled safely, but pilot workload is excessive or mission

effectiveness is inadequate, or both. However, the aircraft can be safely landed.

Of course the goal is to reach Level 1 flying qualities, however it is not a big problem to be below that due to the
available FBW system. Furthermore there are different categories of aircraft, where single engine propeller aircraft
fall under Class I aircraft.
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7.4.1 PHUGOID
Looking at Figure 7.11, the stability of the phugoid can be seen to be below satisfactory. It is in the acceptable region,
but that is usually only for emergency conditions. Table 7.5 shows the characteristics for the phugoid at cruise speed
at 2500 m. The reason that the phugoid is not in the satisfactory region is the damping coefficient, as the military
regulations state that it should be at least 0.04.

Figure 7.11: Phugoid analysis

Table 7.5: Phugoid characteristics at cruise speed at 2500 m.

Phugoid

Eigenvalue −0.0019± j ·0.1920 [-]
Undamped natural frequency 0.1920 [rad/s]
Damping ratio 0.0099 [-]
Period 32.7 [s]
Time to half amplitude 363.8 [s]

7.4.2 SHORT PERIOD
The short period analysis is shown in Figure 7.12, where at all of the altitudes the short period falls in the satisfactory
region. The most important contributor to the short period is the derivative Cmα , so it was important to get the
center of gravity model right in CEASIOM. Also the damping ratio is most dependent on the derivative Cmq , the
pitching moment due to pitch rate which is largely influenced by the horizontal tail. Table 7.6 show the values of
these derivatives of the aircraft from CEASIOM compared to the Cessna 172 derivatives [82].

Figure 7.12: Short period analysis

Table 7.7 show the results from CEASIOM regarding the short period characteristics. The military requirements state
that the damping ratio should be between 0.3 and 2 and that the undamped natural frequency should be between 0.9
and 6 for a load case similar to the cruise phase. Both of these requirement are clearly met, underlining the results
shown in Figure 7.12.
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Table 7.6: Short period derivatives at cruise speed at 2500 m.

Derivative Value [-] Cessna 172

Cmα -0.66 -0.89
Cmq -13.63 -6.2

Table 7.7: Short period characteristics at cruise speed at 2500 m.

Short period

Eigenvalue −1.9836± j ·1.9264 [-]
Undamped natural frequency 2.7651 [rad/s]
Damping ratio 0.7174 [-]
Period 3.2617 [s]
Time to half amplitude 0.3494 [s]

7.4.3 DUTCH ROLL

The Dutch roll requirements are taken from military requirements again, but there is also a requirement from CS23
on this. It was mentioned in the Baseline report as requirement MFT-CS23-FP-29. It stated: ’Any combined lateral-
directional oscillations (occurring between the stalling speed and the maximum allowable speed appropriate to the
configuration)("Dutch-roll") shall be damped to 1/10 amplitude in 7 periods with the primary controls free and in a
fixed position (except when compliance with CS 23.672 is shown).’

Figure 7.13: Dutch roll analysis

The results from CEASIOM in Figure 7.13 show that the Dutch roll characteristics easily meet the Level 1 require-
ments. The military requirements state that the damping ratio for the Dutch roll should be at least 0.08 and the
undamped natural frequency at least 0.4. Looking at Table 7.8 both of these are met giving the aircraft Level 1 flying
qualities for the Dutch roll. Also the requirement MFT-CS23-FP-29 is met, looking at the period and time to half
amplitude. To get to 1/10 amplitude about 3.5 times the time to half amplitude is needed. This means that within
three periods the Dutch roll has damped to 1/10 amplitude, well below the required seven periods.

Table 7.8: Dutch roll at cruise speed at 2500 m.

Dutch roll

Eigenvalue −0.2058± j ·1.4152 [-]
Undamped natural frequency 1.4301 [rad/s]
Damping ratio 0.1439 [-]
Period 4.4399 [s]
Time to half amplitude 3.3676 [s]

7.4.4 ROLL

Next the roll-mode characteristics were analyzed, the results from CEASIOM are presented in Figure 7.14. These
results are not the most favorable, as the handling quality is not very good. They are analyzed using a subjective
rating method, the Cooper-Harper Pilot assessment rating, but the most important conclusion from this graph is
that the achievable roll acceleration is around 45 deg/s. This will increase the workload greatly because the pilot will
need to closely monitor this during all turns, but can of course be reduced using the FBW system. Table 7.9 shows
the roll-mode characteristics, where the first conclusion is quickly made that this is not an oscillatory eigenmode
due to the real eigenvalue.
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Figure 7.14: Roll analysis

Table 7.9: Roll at cruise speed at 2500 m.

Roll

Eigenvalue −8.5581± j ·0 [-]
Undamped natural frequency 8.5581 [rad/s]
Damping ratio 1.00 [-]
Period 0 [s]
Time to half amplitude 0.0810 [s]

7.4.5 SPIRAL
The last eigenmode to be analyzed is the spiral and the results are presented in Figure 7.15. This eigenmode is also
very stable and clearly provides Level 1 flying qualities. To achieve this, the military requirements state that the time
to double amplitude is to be at least 20 seconds. Table 7.10 shows the spiral characteristics of the aircraft and the
time to double amplitude clearly meets the requirements.

Figure 7.15: Spiral analysis

Table 7.10: Spiral characteristics at cruise speed at 2500 m.

Spiral

Eigenvalue 0.0130± i ·0 [-]
Undamped natural frequency 0.0130 [rad/s]
Damping ratio -1.00 [-]
Period 0 [s]
Time to double amplitude 53.1862 [s]
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8
FLY-BY-WIRE

This chapter will first describe the Fly-By-Wire (FBW) layout. Furthermore the Flight Envelope Protection (FEP) and
the Autoland will be discussed. At the end of this chapter the actuators is discussed.

8.1 FLY-BY-WIRE LAYOUT
One of the main features of the trainer aircraft is the FBW system. The main reason to use FBW is to have an easier
integration of Flight Envelope Protection (FEP). For the trainer aircraft, several options for the FBW have been con-
sidered. First of all, the most safe option in terms of certification risk, is FBW with a mechanical back-up. The other
two options considered are aircraft with full FBW. One of those options considers graceful degradation, which will be
discussed in detail later. One option that will not be discussed in this chapter is the FBW with a partial mechanical
back-up. This has been done in Airbus, where the trim and rudder pedals are mechanically backed up [83]. It is
however rather difficult to fly with only partial control and therefore this is considered to be unsuitable for a trainer
aircraft.

8.1.1 FBW WITH MECHANICAL BACK-UP
One of the safest options in terms of development risk is the FBW with a mechanical back-up. With this option, the
pilot can fly with FBW but when it fails the FBW can be disengaged and the aircraft can be flown with a conventional
mechanical system.

The advantage of a mechanical back-up system is that it would be easier to certify than a full FBW system. Accord-
ing to the ARP4761 1, all failure that could lead to a catastrophic consequence should have a maximum probability
of occurrence of 10−9 per flight hour. With a mechanical (back-up) system, the FBW could be designed using limited
authority. A limited authority system is only allowed to apply a limited control surface deflection on top of the me-
chanical output. The other option is a full authority system. A full authority system is allowed to apply the full range
of control surface deflections. Having a limited authority system is easier to certify than a full authority, because the
pilot can still overrule the FBW. If chosen for full authority FBW with mechanical back-up, a certain clutch has to be
designed to disconnect the FBW in case of failure.

Furthermore, with a mechanical system a FBW system without redundancy could be used. This will decrease
the cost of the flight control systems compared to FBW with redundancy. With a mechanical system, 8.3% of the
market share is needed to meet the cost requirement. This is relatively low compared to the market share of the
other options, as can be found in Section 14.2.3. Another benefit of having a mechanical back-up is that it requires
less power than a full FBW system. This is because there is no redundancy in the FBW system and thus also no
redundancy in the actuators, flight computers and other electronics.

There are however also some disadvantages to the option of FBW with mechanical back-up. When a hard limit
FEP would be used in a FBW with mechanical back-up, the actuators that are used should be able to override the
pilot’s input. When the pilot, for example, gives a full negative elevator deflection the FEP should be able to give a
full positive elevator deflection. Therefore the actuators need to overcome the force exerted due to the pilot plus the
force needed for a full deflection.

Another disadvantage of a mechanical system is that the handling characteristics should be designed for me-
chanical flight controls. This means that; for example, a reduced stability margin is not possible when using a me-
chanical back-up system. The third disadvantage of using a mechanical back-up system is that it has less value as
a safety system. The idea is that the FBW system is used to increase safety, however when the FBW system fails the
increased safety will also be gone. Thus the pilot, in case of FBW failure, cannot rely anymore on the safety of the
FBW.

The last disadvantage of having a mechanical back-up system is that a mechanical system needs more mainte-
nance, such as lubrication and adjustments due to cable stretch over time. The increase in maintenance can poten-
tially increase the direct operating cost of the aircraft.

8.1.2 FULL FBW
The second option that is being considered is a full FBW system. With a full FBW system there is no mechanical back-
up, however the requirement to have a safety critical system still remains. To comply with this requirement, a full
FBW system needs either triple or quadruple redundancy [84]. In Section 14.2.3, it can be found that in a bad market

1Guidelines and Methods for Conducting the Safety Assessment Process on Civil Airborne Systems and Equipment
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approximately 12.5 % and 16% market share is needed for triple and quadruple redundancy, respectively. This means
that it will be impractical to build a full FBW aircraft with at least quadruple redundancy, since the probability of
reaching such a market share is quite marginal. It must be noted that technology also advances, including the mean
time between failure (MTBF) of FBW components, such as actuators. Therefore the FBW system could potentially be
made using triple or even dual redundancy, which will decrease the cost and weight of a full FBW system.

Another disadvantage of having a full FBW system is the difficulty of certification. Although FBW systems are
already widely used in commercial airliners and fighter jets, in general aviation FBW systems are merely investigated.
Since FBW systems are not widely used in general aviation aircraft, there are no regulations for it at the moment in
CS23. Therefore at this moment the FBW system needs to be certified according to CS25. Furthermore, people
in general, are skeptical about the reliability of software. This also makes it more difficult to certify than having a
mechanical system.

The third disadvantage of full FBW is that it needs more power than a FBW system with mechanical back-up.
The main reason for this is the redundancy of the FBW, which includes extra actuators, flight computers and other
electronics. But also artificial force feedback has to be installed, because the pilot must get feedback according to
CS23. Such a force feedback system also increases the power consumption.

The major advantage of FBW however is that FEP is relatively easily integrated. Furthermore it also has more
value as a safety system than FBW with a mechanical back-up. This is because full the whole FBW system will have
the safety critical level of 10−9 per flight hour. This means that there is no need to switch to a back-up system and
therefore the FBW could be used even if one of the components fails.

Another advantage of having a full FBW system is that the maintenance of the mechanical back-up system is not
needed anymore, which potentially decreases the direct operating cost.

Finally, the advantage of a relaxed stability margin can be explored with a full FBW system. Having relaxed sta-
bility, the control surface areas can be reduced. Having smaller control surfaces the drag and the imposed stresses
are reduced.

8.1.3 FULL FBW WITH GRACEFUL DEGRADATION
The last option which is considered is having a full FBW with graceful degradation. With graceful degradation the
control surfaces are split up into several sections. Each section will then get its own actuator, which is smaller than
an actuator needed for a full control surface. If one actuator then fails, the other actuators can still actuate the other
control surfaces. This way the aircraft is still controllable.

The main advantage of a system using graceful degradation is that there is no need for clutches in the FBW
system. This could lead to a less complex actuation system, and thus could reduce the weight. Reducing the overall
weight of the aircraft, could reduce control surfaces. This would then lead to a lower drag, which is investigated in
Section 6.2.3. Lowering the drag will lower the fuel consumption and could thus lower the DOC.

Another advantage is that a moving part is removed from the FBW system. Fewer moving parts can increase
the reliability, since fixed parts normally need less service and last longer than moving parts. On the other hand a
disadvantage of graceful degradation however is that, when a actuator is stuck, the aircraft will be less maneuverable.
Therefore the development cost and certification risk of full FBW with graceful degradation potentially increases,
since the aircraft must be controllable at all times, even when one of the actuators has failed.

The use of graceful degradation could also lead to a lower cost, however just as for the weight, these statements
should be made carefully. Although the cost and weight could decrease for the actuators, it is unknown at this mo-
ment what will happen to the weight and cost of the control surfaces. These effects have not been investigated up
until this point and it is interesting to research this in future work.

8.1.4 CONCLUSION AND RECOMMENDATION
Both full FBW and FBW with mechanical back-up have their own advantages and disadvantages. These advantages
and disadvantages are summarized in Table 8.1.

Table 8.1: Advantages and Disadvantages of different FBW systems

FBW with Mechanical Back-up Full FBW Full FBW with GD

Certification Risk + - - -
Development Risk + - -
Development Cost + - - -

Direct Operating Cost - + + +
Value as Safety System - + +

Maintenance - + +
Power Consumption + - -

The aircraft design at this moment is based on FBW with a mechanical back-up due to the sensitivity of the design
w.r.t the FBW systemm, although there is no quantitative data regarding development and certification risk.

Switching from a FBW system with mechanical back-up to a full FBW system, will increase development risk
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and certification risk a lot. However for the aircraft design it is easier to switch from a FBW system with mechanical
back-up to a full FBW. For example, at this moment a certain stability margin has been taken into account. Using a
full FBW the aircraft could be designed to have relaxed stability, which basically is a lower stability margin. This can
lead to a decrease in control surface area and thus decrease the weight. This way the aircraft can enter a so-called
reversed snowball effect (i.e. reducing the weight more and more).

It must be noted though, that for a full FBW with quadruple redundancy 16% of the the market share is needed
in a bad market in order to reach the break even point in 5 years, as can be read in Chapter 14. At this moment this
is considered to be not feasible. Depending on the investor and the risk that investor is willing to take, one should
choose for either full FBW or FBW with a mechanical back-up. If the investor wants a lower development risk he/she
should chose for a FBW system with mechanical back-up. If the investor decides to take the risk, he/she could decide
to go for a full FBW.

8.2 FLIGHT ENVELOPE PROTECTION
One of the main goals of this project is to reduce the amount of catastrophic failures in general aviation. To reduce
these failures, the use of Flight Envelope Protection (FEP) in general aviation is investigated. There are two main
methods, in which FEP can be incorporated. One being hard limits, meaning that the pilot can never override the
FEP unless it is disconnected. The second being soft limits in which the pilot can still override the flight envelope
with excessive force. Both of these FEP philosophies have their own advantages and disadvantages, which will be
discussed here.

8.2.1 HARD LIMITS
The main advantage of a hard limit system is that it is always within a safe flight regime. Especially for less experi-
enced student pilots, it would be useful to have a hard limit FEP system. Student pilots are more likely to get confused
about the aircraft state in a stressed situation. If the pilot does not know the aircraft state, he or she could still bring
the aircraft in unsafe conditions.

Although the main advantage of having a hard limit FEP system is quite significant, it also has some disadvan-
tages. One of them is that a hard limit system is hard to integrate into an aircraft which utilizes FBW with a mechan-
ical back-up system since a hard limit system should be able to override the forces introduced by the pilot.

Another disadvantage is that the pilot cannot fly the aircraft at its full capability, which can have catastrophic
consequences. For example, when flying directly into a mountain, the pilot might want to overrule the flight enve-
lope protection in order to save his life. Although the FEP could be disengaged, it must be noted during what state
the aircraft autopilot hands over control to the pilot. In an accident with a China Airlines Boeing 747 [85], the au-
topilot disconnected when the rudder could not compensate the asymmetrical loading due to an engine failure, in a
dive. However, the pilots were unaware that full rudder to one side was applied and they only recovered the aircraft
at about 10,000 feet from approximately 40,000 feet.

8.2.2 SOFT LIMITS
In a soft limit system the pilot will always be able to override the FEP. The main advantage is that the pilot is always
able to operate the aircraft to its full capabilities, so in case of a dangerous situation the pilot can override the FEP.
This could also be useful in stall and spin training, because the FEP does not necessarily have to be disengaged
to get into a spin or stall. The only thing that has to be done is using excessive force on the control stick. The
other advantage is that a soft limit system can be used in a setup with FBW and a mechanical back-up. However
as explained earlier, with soft limit the pilot can unintentionally bring the aircraft in unsafe conditions. For less
experienced pilots (i.e. student pilots) this can cause a problem.

8.2.3 AUTO THROTTLE
There are also possibilities to have an auto throttle build in. Although one might think this is necessary for FEP, this
is not entirely true. There are several ways to keep the airspeed up, one is by giving more thrust. Airspeed may also
be increased by lowering the nose. Most general aviation accidents, however, happen at low altitudes [86], where it
might not be a good idea to put the nose down to regain airspeed. Therefore it is recommended to build in an auto
throttle function.

8.2.4 CONTROLLED FLIGHT INTO TERRAIN
One option for the FEP system is Controlled Flight into Terrain (CFIT) protection. This could prevent the aircraft
from flying into the terrain, which increases the overall safety of the aircraft. The disadvantage of having CFIT pro-
tection, is that it increases the complexity the FEP. This will probably also lead to higher cost. During this study, CFIT
protection has not been investigated in detail. Therefore in further study CFIT protection can be investigated.

8.2.5 CONCLUSION AND RECOMMENDATION
The way FEP is handled in aircraft is just a matter of philosophy. Where Boeing uses a soft limit FEP, Airbus aircraft
use a hard limit FEP. When using a mechanical system, full authority is not recommended, due to the large forces
the actuators should be able to give. When using a full FBW system however, it is a matter of preference which FEP
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system to use. Therefore, if full FBW is considered for the final design, one might propose to make it something that
can be chosen by the customer. Just as in a car, where the customer could choose to have air conditioning or not.

8.3 AUTOLAND
One of the requirements is to have a solo training mode with flight envelope protection and autoland. Several
options, such as: Instrument Landing System (ILS), Microwave Landing System (MLS), Ground-Based Augmenta-
tion System (GBAS), Satellite-Based Augmentation System (SBAS), Visually-Guided Landing System (VSGL) and the
Parachute Landing System were considered in the mid-term report [64]. The most feasible option was the SBAS
system. The SBAS system is an enhanced global navigation satellite system (GNSS), which uses cross-continental
ground stations. These ground stations ensure that differential corrections can be made for the GNSS, improving the
accuracy of the whole system. The main advantages of SBAS are:

• Relatively low cost compared to other autoland system.

• Large grow, SBAS is expected to grab 50 to 60% of the market in 2020-2030 [87].

• Major advantages for small and medium sized airport, which are mainly used by general aviation, since no
local ground system needs to be used.

However with every advantage comes a disadvantage. The main disadvantages of SBAS are:

• Currently only available in Northern-America, Europe, India and Japan [88].

• Ground personnel is not yet trained for SBAS operations.

• Only certified for CAT I approaches up until now, which does not cover full autoland.

In the Mid-Term Report estimates have been made for the weight, cost and power of the SBAS [64]. These es-
timates can be found in Tables 8.2 to 8.4 respectively. These estimates however, only contain double redundancy.
The autoland system should be designed for safety critical levels though. The reason for this is that the autoland
operations are relatively close to ground. This means that when the autoland fails, there might be no time for the
pilot to recover from the failure, which can lead to catastrophic consequences. Therefore atleast triple or quadruple
redundancy should be expected to get the system certified. This means that the total cost is more thane100,000 . It
might be considered though, to sell two types of aircraft: one with autoland and one without. In such a way an flight
school could decide to buy; for example, one aircraft with autoland for every six aircraft without autoland. This can
be done, since in dual training mode the aircraft is not required to have an autoland option.

Table 8.2: Autoland Mass

Mass Based on

Radio altimeter 1.8 [kg] Free Flight Systems TRA-3500
SBAS/INS/Computer 1.0 [kg] Rockwell Collins Athena 411
Total subsystems 2.8 [kg]
Redundancy factor 2.0 [-]
Installation/cables correction 1.4 [-] Educated guess
Total system 7.85 [kg]

Table 8.3: Autoland Cost

Cost

Radio altimeter 7,000 [$] King KRA-10A
SBAS/INS/Computer 15,000 (*) [$] Athena 411
Total subsystems 22,000 [$]
Redundancy factor 2.0 [-]
Installation/cables correction 1.2 [-] Educated guess
Total system 52,800 [$]

* Guestimate: based on other avionics
However, not only are the cost for an autoland system high, it is also not allowed to do a full autoland yet. Dia-

mond and Beechcraft have demonstrated autonomous landings with their Diamond DA-42 and Beechcraft Bonanza
[89] respectively and both aircraft used the Athena 411 and probably also a radar altimeter [90]. Although the Athena
411 can autonomously land an aircraft, it is not yet certified for private and commercial aircraft. Although it seems
possible to certify the Athena 411 for private and commercial aircraft, due to the collapse of the general market
Beechcraft has paused the program for autolanding at this moment [89]. Therefore at this moment, autoland is con-
sidered to be not feasible yet for general aviation aircraft. Continuing with the autoland induces a high risk for the
development of the trainer aircraft, since it relies on the work on the certification by external companies.
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Table 8.4: Autoland Power

Power

Radio altimeter 25 [W] Free Flight Systems TRA-3500
SBAS/INS/Computer 18 [W] Rockwell Collins Athena 411
Total subsystems 43 [W]
Loss/margin correction 1.2 [-] Educated guess
Total system 51.6 [W]

The idea of autoland however is to land the pilot safely when he panicks, because; for example he got in bad
weather and cannot find the airport anymore, it could already help to just point the aircraft to the nearest airfield.
Therefore instead of autoland an auto approach could be investigated, putting the aircraft in front of the runway.
Such an auto-approach could be performed by cheaper system, such as the Garmin GTN 625 GPS [91]. The GARMIN
GTN 625 GPS weights 2.48 kg and costs $8473.00, the power is approximated to not be higher than Rockwell Collins
Athena 411, which is 18 W. Since a failure in auto-approach does not necessarily have to lead to a catastrophic failure,
the system does not necessarily have to be safety critical. Furthermore the Garmin GTN 625 GPS is already certified
for private and commercial use. Therefore the auto-approach is considered to be more feasible than an autoland
system.

In conclusion, for now it is recommended to start with an auto-approach, which already helps the pilot finding
and/or lining up with the runway. In the future, when autoland in general aviation is certified, it might be considered
to upgrade from auto-approach to autoland. Based on the Beechcraft Bonanza [89], it seems that the autoland could
be installed externally relatively easily. So when the aircraft will later be upgraded with an autoland system, not a lot
of changes in the design have to be made.

8.4 ACTUATORS
A elaborate discussion of the actuator technology was performed in the mid-term report [64]. Outcome of this dis-
cussion was the recommendation of the usage of either EHA or EMA actuators. After consultation with the company
Rosner-TDL, the conclusion was made that the EMA actuation technology would be the most suitable one. This is
due to the better maintainability of these systems [92]. Reducing the downtime of the trainer aircraft and therefore
decreasing the cost for inspections is a major point of consideration in this design. Disadvantage of EHA actuators
is their still present hydraulic circuit which requires special maintenance.

Reference indicate that the MTBF of off the shelf EMA actuators is at the present time in the order of 5000 hours
[93]. By considering Chapter 17 the conclusion can be made that a triple redundant actuation system can easily meet
the safety critical reliability. The power requirements of the actuators were derived in Section 10.6.2. Based on the
chosen FBW layout the hinge moments can reduced by a significant value and therefore the cost, weight and power
of the actuators can be reduced as well. A more elaborate discussion can be found in Section 10.6.2.

Weight estimation of the actuators was done by combining the Cessna weight estimation method for mechanical
control systems with Moog 915 actuator data [94]. The Moog 915 actuator offers a stall-torque of 34 Nm, a no-load
speed of 250 deg/s and a weight of 3.18 kg. Further it includes a clutch which can be used for disengagement. The
Cessna class II weight estimation method for flight control includes the weight for cables, pulleys, push-pull rods and
cockpit controls. The contribution of the flight controls and the actuators were added. Further a 5% contingency was
included on top. It was assumed that every level of redundancy for the actuators is a factor of three. That means three
actuators are needed to control aileron, elevator and rudder. Both ailerons are controlled by one actuators, this is
done by some kind of cable and pulley system where the actuators is attached to.

Weight estimation FBW with mechanical back-up is given by

Wcontrol = 1.05(0.0168WMTOW +3Wactuator) (8.1)

For full FBW it was assumed that 2/3 of the mechanical control system weight is still present

Wcontrol = 1.05

(
2

3
0.0168WMTOW +3nredundancyWactuator

)
(8.2)

For the graceful degradation it was assumed that it has the same weight as the full FBW with single redundancy.
It is likely that the GD concept needs a more elaborate mechanical system but this is accounted for in the actuator
weight because the Moog 915 includes a clutch which can be estimated to be approximately half of the weight. This
clutch is not needed anymore in the GD FBW layout since the control surfaces are split. Therefore the clutch weight
is used to account for the higher mechanism weight.



72 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

9
PERFORMANCE

In this chapter the flight performance of the aircraft is analyzed. The methods for doing so are described step-by-
step in Chapter 5 of Ref. [57]. The purpose of analyzing the flight performance of the aircraft is to check whether the
current proposed design meets requirements from both mission specifications and regulations. If discrepancies are
discovered between what is required from the aircraft and what it will be able to deliver it shall be argued whether
or not to make changes to the design and reiterate. Note that both the aircraft lacking the required performance and
the aircraft being able to perform better than required are discrepancies, and both shall be addressed. Staying closer
to the set requirements may reduce the weight and cost of the design.

The first five sections of this chapter describe the analysis of stall, takeoff, climb, landing, and max. speed re-
spectively (Sections 9.1 to 9.5). The flight performance module is executed outside of the main iteration loop of the
second preliminary design sequence and it only checks compliance with the requirements. In Section 9.6 the results
of the module after the final design iteration are presented.

Figure 9.1 shows the block diagram, which gives a rough overview of how the analysis tool is built up. It shows
the different modules and how they are connected to each other.

Figure 9.1: Block diagram of the flight performance analysis tool

9.1 STALL
From CS 23.45 and 23.49 it follows that the stall characteristics shall be analyzed for the following conditions:

1. still air and a standard atmosphere (23.45.a);

2. a relative humidity of 80 percent (23.45.d);

3. propellers in takeoff position (23.49.a.1);

4. landing gear extended (23.49.a.2);

5. wing flaps in the landing position (23.49.a.3);

6. center of gravity in the most unfavorable position within the allowable landing range (23.49.a.6); and

7. engines at idle (23.49.e.1).

To analyze the most critical condition aircraft weight is assumed equal to the maximum take off weight.
Condition 1 calls for T = 288 K, P = 101325 Pa, and ρ0 = 1.225 kg/m3.
Condition 2 calls for a change in air density. The density of humid air at otherwise standard ISA sea level condi-

tions was calculated as follows.
Relative humidity is defined as φ= ρw

ρ∗
w

, where φ is the relative humidity expressed as a fraction, ρw is the actual

water vapor density and ρ∗
w is the saturated water vapor density [95]. ρ∗

w is a function of the temperature, and can be
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approximated by ρ∗
w (T ) = 5.018+0.32321T +8.1847 ·10−3T 2 +3.1243 ·10−4T 3, which is an empirical fit that is valid

for T ∈ [0,40]◦C. The actual water vapor density can then be expressed as ρw =φρ∗
w (T ).

For dry air the amount of molecules per cubic meter can be calculated with ntot = ρ0

Mai r
, where ntot is the amount

of air molecules in mol, ρ0 is the ISA sea level density, and Mai r is the molar mass of air in kg/mol. For wet air the

amount of water molecules per cubic meter can be calculated similarly with nw = ρw

Mw
, where nw is the amount of

water molecules in mol, ρw is the actual water vapor density in kg/m3, and Mw is the molar mass of water in kg/mol.
Because there can be no more than ntot molecules per cubic meter, the presence of the water molecules reduces the
amount of air molecules in the same volume. The amount of air molecules present in a cubic meter of wet air can
then be calculated with nai r = ntot −nw .

The combined density of humid air can be calculated with ρh = nw Mw +nai r Mai r , which can be rewritten by
substituting the previously defined equations for the molar contents and the definition of the relative humidity. This
yields the equation of the density of humid air:

ρh = ρ0 +φρ∗
w (T )

[
1− Mai r

Mw

]
(9.1)

For ISA sea level conditions it follows that ρ∗
w = 12.762 g/m3. For the given relative humidity of 80% and using

Mw = 18.02 g/mol and Mai r = 28.57 g/mol it then follows that ρh = 1.219 kg/m3.
Condition 5 calls for using CLmax, f l ap , which is an output of Step 25.
Condition 7 calls for T = 0 N. The other conditions do not have influence on the equations for stall. The stall

speed is then a function of CLmax, f l ap and can be written as follows, Equation (9.2).

VS =
√

2WT O

ρhCLmax, f l ap S
(9.2)

The variation of the Mach number at stall with altitude was derived as follows. The speed of sound can be written
as a =√

γRT , yielding the variation of the speed of sound, Equation (9.3).(
a

a0

)
=

(
T

T0

)0.5

(9.3)

The stall speed can be written as Equation (9.2), yielding the variation of the stall speed, Equation (9.4).(
VS

VS0

)
=

(
ρ

ρ0

)−0.5

(9.4)

The variation of pressure can be written as in Equation (9.5),

(
p

p0

)
=

(
T

T0

)[
−

g0

LR

]
(9.5)

, yielding the variation of density using p = ρRT , Equation (9.6).

(
ρ

ρ0

)
=

(
T

T0

)[
−

g0

LR
−1

]
(9.6)

Substituting Equation (9.6) in Equation (9.4) yields Equation (9.7).

(
VS

VS0

)
=

(
T

T0

)1

2

[ g0

LR
+1

]
(9.7)

The Mach number at stall can be written as follows, Equation (9.8).

MS = VS

a
(9.8)

, yielding the variation of the Mach number, Equation (9.9).(
MS

MS0

)
=

(
VS

VS0

)(
a

a0

)−1

(9.9)

Substituting Equation (9.7) and Equation (9.3) into Equation (9.9) yields Equation (9.10).

(
MS

MS0

)
=

(
T

T0

)[ g0

2LR

]
(9.10)

The temperature can be written as a function of the altitude: T (h) = T0 +Lh, where L =−0.0065 J/kg/K is the lapse
rate; and substituting the function of the temperature in the variation of Mach number finally yields Equation (9.11).

MS (h) = MS0

(
T0 +Lh

T0

)[ g0

2LR

]
(9.11)
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9.2 TAKEOFF
All conditions from CS 23.45 apply. These were already listed in Section 9.1. For analyzing the takeoff characteristic
the conditions from CS 23.51 also apply. These require the following:

1. engines operating within approved operating limitations (23.51.a.1); and

2. at an altitude of 50 ft the aircraft’s speed must be higher than 1.3VS1 .

To analyze to most critical situation MTOW is again used. Furthermore the requirements listed in Chapter 3 of Ref.
[50] add the condition that the aircraft shall have a maximum takeoff distance over a 50 ft obstacle of 500 m, so
sT O ≤ 500 m.

Given these conditions and requirements Table 5.1, p. 119, Ref. [57] gives V3/VsT O = 1.3, fPT O = 1.0. According to
Equation 5.8, p. 119, Ref. [57] thrust of single engine, fixed blade propeller aircraft can be related to its takeoff power
by Equation (9.12).

T = 4.60
(
Dp PT O

)2/3 (9.12)

, where T is the thrust in lbs, Dp is the propeller diameter in ft, and PT O is the takeoff power in hp. The friction
coefficient, µ′, can be calculated with Equation (9.13).

µ′ =µg +0.72

(
CD0

CLmaxT O

)
(9.13)

, Equation 5.9, p. 121, Ref. [57], where µg is the wheel-ground rolling friction coefficient, CD0 is the zero-lift drag
coefficient, and CLmaxT O

is the maximum lift coefficient at takeoff. The value of µg = 0.30 was obtained from page
40 or Ref. [57], using the highest value to be most conservative. All other parameters needed to analyze the takeoff
characteristics of the aircraft are inputs from previous steps. Note that this formula is written in imperial units. The
inputs to this formula were therefore first converted from SI to imperial units.

The analysis was conducted as follows.

sT O = fT OhT O

 1

γLOF
+

(
V3

VsT O

)2 (
W

S

)
T O

{[(
T

W

)
T O

−µ′
]−1

+p
2

}
(
hT OρgCLmaxT O

)(
1+p

2γLOF
)

 (9.14)

Using equation 5.6, p. 117, Ref. [57], Equation (9.14), the takeoff distance of the aircraft as it has been defined up
to this point is calculated. The result is compared to the takeoff distance as dictated by the requirements. If the two
deviate by more than 5%, design iterations are in order, Ref. [57], p. 123. Roskam notes that the parameters of most

influence on the takeoff distance are

(
T

W

)
T O

,

(
W

S

)
T O

, and CLmaxT O
, which is of importance for the design iterations.

The equation calls for

(
T

W

)
T O

, so it was necessary to rewrite the equation for the thrust as previously described

to find the thrust-to-weight ratio as a function of the weight-to-power ratio. This was done as follows. The thrust can
be written as, Equation (9.15),

T =
(

T

W

)
WT O (9.15)

and the power can be written as, Equation (9.16),

PT O =
(

W

P

)−1

T O
WT O (9.16)

Substituting that in the equation that relates thrust to power yields Equation (9.17).(
T

W

)
WT O = kT P

[
Dp

(
W

P

)−1

T O
WT O

]2/3

(9.17)

Dividing both sides by WT O and simplifying finally yields Equation (9.18).(
T

W

)
= kT P

W 1/3
T O

[
Dp

(
W

P

)−1

T O

]2/3

(9.18)

9.3 CLIMB
All conditions from CS 23.45 apply. These were already listed in Section 9.1. For analyzing the takeoff characteristic
the conditions from CS 23.65, 23.66, and 23.77 also apply. CS 23.66, however, only applies for multi-engine aircraft,
hence it does not call for any requirements here. The conditions following from CS 23.65 and 23.77 are:

1. having a minimum steady rate of climb of at least 300 feet per minute (23.65.a);
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2. having a minimum steady angle of climb of at least 1:12 (23.65.a);

3. at sea level (23.65.a);

4. maximum continuous power (23.65.a.1);

5. landing gear retracted (23.65.a.2);

6. wing flaps in takeoff position (23.65.a.3); and

7. have a minimum steady angle of climb of 1:30 for balked landings (23.77.a).

To analyze to most critical situation MTOW is used. Furthermore the requirements listed in chapter 3 of Ref. [50] add
the condition that the aircraft shall have a minimum rate of climb of 800 feet per minute. This requirement overrules
the CS 23.65.a requirement of having a minimum steady rate of climb of 300 feet per minute. Also the CS 23.65.a
requirement of having a minimum steady angle of climb of at least 1:12 is more critical than the 1:30 requirement
for balked landings from (23.77.a). Furthermore it is assumed that the rated maximum continuous power is equal to
the takeoff power.

RC = 33000

ηp

(
W

P

)−1

−

(
W

S

)1/2

19

(
C 3/2

L

CD

)
σ1/2

 (9.19)

To analyze the rate of climb performance, Equation 5.21 (p. 126, Ref. [57]) is used, where RC is the rate of climb in

ft/min, ηp is the propeller efficiency,

(
W

P

)
is the power loading in lbs/hp,

(
W

S

)
is the wing loading in lbs/ft2, CL and

CD are the lift and drag coefficients, respectively and σ is the density ratio defined by σ= ρ

ρ0
, where ρ is the density

at a given flight condition and ρ0 is the ISA sea level density. Note that this equation is written for imperial units.
Since the inputs to this formula are known in SI units they were converted for the purpose of using this equation.

CGR =−
(

L

D

)−1

+ C 1/2
L 18.97ηpσ

1/2(
W

P

)(
W

S

)1/2
(9.20)

To analyze the angle of climb performance Equation 5.22 (p. 126, Ref. [57]), is used where CGR is the climb

gradient, defined as CGR = U

W
, where U is the velocity in xB direction and W is the velocity in the zB direction, and(

L

D

)
is the aerodynamic efficiency.

The analysis of the climb performance is threefold. First the steady rate of climb of the aircraft is calculated
with Equation 5.21 from Roskam and the result was compared to the requirement of the minimum of 300 ft/min.
Then the steady angle of climb, or climb gradient, is calculated using Equation 5.22 from Roskam and the result was
compared to the minimum of 1:12. Finally the absolute ceiling of the aircraft is calculated by solving Equation 5.21
from Roskam for RC = 0 ft/min. The latter determines the upper line of the flight envelope. For the determination of
the absolute ceiling it was assumed the aircraft is flown at conditions that maximize the rate of climb. It can be shown

that this requires

(
C 3

L

C 2
D

)
to be at a maximum, which leads to CL =

√
3CD0

k
and CD = CD0 +k

(√
3CD0 k−1

)2
= 4CD0 ,

with k = 1

πAe
.

9.4 LANDING
All conditions from CS 23.45 apply. These are listed in Section 9.1. For analyzing the landing characteristic the
conditions from CS 23.75 also apply. CS 23.75, however just contains the definition of the landing distance. The
landing distance is constrained by the mission requirements, listed in Chapter 3 of Ref. [50]. It has to be smaller
than or equal to 400 m. To analyze the most critical situation MTOW is used. Usually the maximum landing weight
is used to analyze the landing distance. However, in this case it is justifiable to use the maximum takeoff weight.
This is because one of the major missions of the aircraft will be to fly circuits, which involves flying a short distance,
performing a touch and go and repeating. The most critical case is when the aircraft takes off with maximum takeoff
weight and lands after a single circuit. In this case its landing weight will be close to the maximum takeoff weight,
thus justifying the use of the MTOW.

The landing distance was calculated using the equations from section 5.9 of Ref. [57]. Using that method the
landing distance is split up into two parts, the air segment, denoted by sai r , and the ground run, denoted by sLG .

sai r =
(

1

γ̄

)[
V 2

A −T 2
T D

2g
+hL

]
(9.21)

The air part can be calculated using Equation 5.81 (p. 162, Ref. [57]), where γ̄ is the average access thrust over the
weight, taken as 0.10 as described by Roskam in the same page, VA is the approach speed, defined as VA = 1.3VSL ,
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where VSL is the landing stall speed, VT D is the touchdown speed, which can be calculated using Equation 5.87

(p. 164, Ref. [57]), VT D = VA

√
1− γ̄2

∆n
, where ∆n = 0.10 was taken as described by Roskam, g is the gravitational

acceleration, and hL is the obstacle height, which is required to be 50ft.

sLG = V 2
T D

2ā
(9.22)

The ground part was calculated using Equation 5.88 (p. 164, Ref. [57]), where ā is the average deceleration, which
was taken as ā/g = 0.30 as described by Roskam on the same page.

9.5 MAXIMUM SPEED
The final performance characteristic that was analyzed is the maximum speed. The maximum speed as a function
of altitude closes the flight envelope on the right side. CS 23.335 constrains the minimum design cruising speed as

function of the wing loading, VC ≥ 33

√(
W

S

)
. To satisfy this requirement the maximum speed shall be higher than

this speed.
The maximum speed of the aircraft was calculated as follows. When the aircraft flies at the maximum speed the

power available equals the power required, Pa = Pr . The power available drops with altitude, hence it is a function
of h, Pa = f (h). The relation was obtained from manufacturer data, as described in Section 10.6. The power required
can be written as:

Pr = DV =CD
1

2
ρV 3S = (

CD0 +kC 2
L

) 1

2
ρV 3S (9.23)

, where Pr is the power required in Watt, D is the drag in Newton, V is the velocity in m/s, CD is the drag coefficient, ρ
is the density of air at the altitude for which the maximum speed is to be determined in kg/m3, S is the wing surface

area in m2, CD0 is the zero lift drag coefficient, k is defined as k = 1

πAe
, and CL is the lift coefficient. This equation

can be solved for V to get the maximum speed:

Vmax = 3

√
Pa

S

2

ρ

1

CD0 +kC 2
L

(9.24)

Furthermore horizontal, straight, symmetrical flight is assumed, yielding L =W . This allows the lift coefficient to be
written as a function of airspeed:

CL = W

S

2

ρ

1

V 2 (9.25)

The maximum speed can be obtained iteratively by updating the speed between the equation for Vmax and CL re-
peatedly.

9.6 RESULTS
In this section the results from the performance calculations are presented. Table 9.1 shows the resulting perfor-
mance of the aircraft along with the requirements set at the start of the design. Clearly, all of the requirements are
easily met.

Table 9.1: Performance characteristics

Performance Aircraft value Unit Requirement Unit

Take-off distance 340 [m] 500 [m]
Landing distance 317 [m] 400 [m]
Rate of climb 1605 [fpm] 800 [fpm]
Climb gradient 0.3459 [-] 0.0833 [-]

9.6.1 PAYLOAD-RANGE DIAGRAM
Using Breguet’s equation for range a payload-range diagram can be created, presented in Figure 9.2. The required
minimum range is 800km. From Figure 9.2 this point is highlighted and the maximum allowable payload to reach
this range is about 160kg. This means that with two average sized people, the minimum range is reached. The useful
load (payload + fuel weight) is equal to 213kg, where the maximum amount of fuel that can be carried is 84.3kg (120
liters). The payload-range diagram shows that the impact the payload has on the range is very large, as it varies
between 400km and 2000km.
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Figure 9.2: Payload-range diagram

9.6.2 FLIGHT ENVELOPE
The flight envelope of the aircraft is shown in Figure 9.3. The stall speeds, ceilings and maximum speeds form the

boundaries of this flight envelope. The absolute ceiling of the aircraft is much higher than the service ceiling, due to
the fact that oxygen is required if the pilot wants to fly longer than 30 minutes above 10,000 feet [40].
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Figure 9.3: Flight envelope
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10
AIRCRAFT SYSTEMS

This chapter will provide an overview of the aircraft subsystems and components. The Fly-By-Wire system is featured
in a separate chapter because of the emphasis on that element during design.

This chapter will start with a complete description of the systems and their connection. This is followed by a
description of the fuel system, the cockpit instrumentation, the avionics components, the propulsion subsystem
and finally electrical power supply and actuation.

10.1 SYSTEMS OVERVIEW
The entire aircraft system is complicated and consists of many inter-related subsystems. The block diagram in Fig-
ure 10.1 illustrates the hardware connections between these various aircraft subsystems.

Figure 10.1: Complete aircraft hardware block diagram of connected systems

Numerous flows of data exist within the complete aircraft system. Figure 10.2 describes the communication
network within the aircraft, showing the various flows of information and the relations between elements.
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Figure 10.2: Block diagram illustrating flows of information and communication between systems.

10.2 FUEL SYSTEM
The fuel system of the aircraft provides the engine with a steady supply of fuel. It should store sufficient fuel for
the entire flight duration and ensure proper fuel feed during even the most limiting flight conditions that might be
encountered.

The fuel tanks of the aircraft should be able to hold sufficient fuel for the aircraft to be able to fly its design range.
[39] This aircraft will be fitted with two bladder tanks, one in each wing to make use of the otherwise unused space
in the wingbox. These bladder tanks have the advantage over discrete metal or integral fuel tanks because of lower
maintenance costs and the possibility of insertion into the wing through a small opening.[96] Vents are fitted to
prevent excessive build-up of pressure, for example due to heat, and to maintain positive pressure in the tanks as
they run empty. [39]

The fuel will be transferred from the tanks to the engine via fuel lines. The system will be based on the gravity-feed
principle because the aircraft is designed with a high wing configuration. [96, 97]

Indication of fuel quantity remaining is important for the pilot. It should be indicated separately for each tank,
to monitor balance and fuel use. A fuel flow gauge also provides useful information. The pilot is able to select the
left, right or both fuel tanks using a selector valve. As such, the lateral balance of the aircraft can be controlled by
managing fuel quantities in each fuel tank. [96, 98]

A block diagram illustrating the basic fuel system lay-out is provided in Figure 10.3.
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Figure 10.3: Hardware block diagram of the aircraft fuel system

10.3 COCKPIT INSTRUMENTATION
The minimum required instruments required for VFR are documented in CS23.1303 [40]. Two types of instruments
should be present. Flight and navigation instruments and powerplant instruments. Since the pilot navigates on
visual cues during VFR conditions, the required flight and navigation instruments are pretty limited. However, some
basic instruments are needed. Each aircraft should at least have the following:

• Airspeed indicator;

• Altimeter;

• Non-stabilized magnetic direction indicator;

• Free air temperature indicator;

• Fuel quantity indicator for each fuel tank installed;

• Oil pressure indicator for each engine;

• Oil temperature indicator for each engine;

• Fire warning means;

• A tachometer indicator for each engine;

During VFR conditions, the pilot mainly navigates on visual reference. In IFR conditions, the pilot relies solely on
the cockpit instruments for navigation. Therefore, more instruments are needed for flight and navigation purposes
in order to certify the aircraft for IFR flights. However, IFR capabilities greatly increase the market value of the aircraft,
since it can then be used for a greater range of PPL ratings. In addition to the instruments needed for VFR, an aircraft
certified for flight under IFR conditions needs the following instruments [99] :

• Two-way radio communication and navigation equipment suitable for the route to be flown;

• Gyroscopic rate-of-turn indicator, except if a third attitude instrument system, usable through flight attitudes
of 360 degrees of pitch and roll is present;

• Slip-skid indicator;

• Sensitive altimeter adjustable for barometric pressure;

• A clock displaying hours, minutes and seconds with a sweep-second pointer or digital presentation;

• Generator or alternator of adequate capacity;

• Gyroscopic pitch and bank indicator (artificial horizon);

• Gyroscopic direction indicator (directional gyro or equivalent;

This aircraft design, as for most modern aircraft, uses a glass cockpit configuration for displaying the instrumen-
tation. In a glass cockpit, information can be shown selectively. Not all information that the pilot can perceive from
his/her instruments is relevant during every stage of flight. Therefore, in a glass cockpit, the pilot can choose which
information should be displayed. This is an advantage over analog cockpits, since information can be visualized
more clearly.

It is recommended to look at off the shelf flight decks for the FBW trainer. These flight decks already contain all
required instrumentation display capabilities for VFR and IFR. The flight decks have to be connected to the appro-
priate sensors to display all information. Two example manufacturers offering off-the-shelf flight decks are Garmin
and Avidyne.

10.4 AVIONICS
This section discusses the avionics elements of the aircraft, starting with the sensors, followed by a discussion of the
flight control computer and the recording of flight data.
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10.4.1 SENSORS
The Fly-By-Wire operation of the aircraft requires airdata, location, attitude and angular rate data as input to the
feedback loop.

Airdata is provided with basic pitot tube setup and temperature measurement. The angle of attack may be mea-
sured using a system based on differential pressure measurement. It is simple, there is experience with this kind of
system and it is used in small aircraft and even in fighter aircraft. [100–102]

In order to avoid one-wing stalls, a sideslip sensor is most likely required for the FBW system. It is assumed that
a sensor similar to the angle of attack sensor can be used for the sideslip angle, as no specific information on such
sensors could be found. There might be a way around implementation of this sensor using software analysis of other
measurements.

An Attitude and Heading Reference System (AHRS) could provide 3-axis information on orientation and roll rates
of the aircraft. This attitude information is required for regular flight as well as being necessary for the Flight Envelope
Protection system. A possible AHRS system such as the Athena 411, which is an integrated system developed by
Rockwell Collins, provides heading, location and 3-axis attitude information. [103]

10.4.2 FLIGHT CONTROL COMPUTER
Computations for the FBW system are performed in the Flight Control Computers (FCC). The FCC take input from
the various sensors located throughout the aircraft and uses flight control law algorithms to decide on an aircraft
response. It is an essential element of the FBW and FEP systems.

Autopilot systems are already incorporated in existing GA aircraft, example systems are the Avidyne DFC90 [104]
or the Garmin GFC700 [105]. The systems use servos to actuate the mechanical control system already in place. Both
the Avidyne and Garmin systems already employ flight envelope protection.

A FBW system that is safety-critical and the main control system of the aircraft will have to be certified according
to much stricter standards than a separate autopilot.

10.4.3 FLIGHT DATA RECORDER
A valuable addition for training flight is a Flight Data Recorder for recording the control inputs and associated aircraft
response. The flight instructor is then able to obtain this information from the aircraft after flight for student debrief.
It opens up options of detailed examining of student actions, explaining situations and the associated appropriate
response whilst on the ground.

10.5 PROPULSION
The propulsion subsystem is one of the main subsystems of the aircraft. It provides ground maneuverability as well
as thrust to take flight and stay airborne. The FBW trainer will be a single-engine aircraft.

A hybrid or even full electric solution has been considered. In terms of sustainability, an electric aircraft has the
advantage since the aircraft has much lower carbon emissions during operations. Also, an electric aircraft is much
cheaper to maintain, causing the DOC to drop considerably. Airbus, for example, is developing a light electric aircraft
[106].

However, the maximum flight time of such a two-seated, electrical aircraft is less than one hour at the moment,
due to the limitations of electric batteries. This makes such a solution unsuitable for cross-country flights required
in PPL training. Furthermore, the development risk associated with an electric solution is considered too high when
combined with the risk already taken in developing a FBW system for the trainer. Therefore, hybrid or electrical
solutions are discarded. It must be noted that future trainers might exploit hybrid or full electrical solutions, however.

The aircraft will be powered by a piston engine. Piston engines are relatively cheap and usually the engine-of-
choice for small aircraft. Some piston engines used in aviation run on automotive fuel, decreasing the DOC of such
an engine with a considerable amount.

With the MATLAB tool created it was possible to determine the minimum required power to fulfill the perfor-
mance requirements. It was found that at least 96 metric horse power are needed. There are a lot of different engine
manufacturers that sell engines in the range of 100 horse power. However most of these engines are not certified
according to FAR 33. In Table 10.1 all found certified engines in the required power range are listed.

Table 10.1: FAR33 certified engines considered for the aircraft [12, 18, 24, 46–49]

Manufacturer Model Power (kW) SFC (g/kwh) Weight (kg) TBO (hr) Price (Eur) Fuel

Rotax 912S 73.5 285 63.70 2000 21000 MoGas
Rotax 914F 84.5 276 75.50 2000 ? MoGas
Continental O-200 73.5 321 90.26 2000 20000 AvGas
Lycoming O-235 84.5 286 111.13 2400 29700 AvGas
Centurion Centurion 2.0 99.0 214 134.00 1500 ? Diesel/Jet A

By examining the values it becomes clear that the best engine is the Rotax 912S. It is by far the lightest engine, has
a good SFC and a low price. Further it operates on MoGas which is a lot cheaper than AvGas. DOC are discussed in
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more detail in Chapter 14. The Centurion engine is interesting because it uses Diesel fuel which has a higher energy
density. This is also the reason for the low SFC. For this aircraft however the engine is overpowered and almost double
the weight of the Rotax 912S.

10.6 ELECTRICAL POWER
In this chapter the electrical power system is discussed. First, some general information is given on the electrical
power that is extracted from the engine. After that some specific attention is given to the power required for the FCS
actuators. Finally, the sizing of the battery system is performed resulting in a new weight and volume estimation for
the battery system.

10.6.1 EXTRACTED POWER
Power is extracted from the engine to feed subsystems that are crucial to the proper operation of the aircraft. Power
can be extracted either mechanically or electrically, most commonly using a generator. This section shortly discusses
the amount of power being extracted from the engine.

Mechanical power is taken from the engine mainly to feed the fuel pumps and pumps for hydraulic systems.
In this aircraft, hydraulics are used only for the braking system in the landing gear, which is a closed system that
does not require pumps. Furthermore, the fuel feed system may also be powered by an electrical pump. Extracting
mechanical power from the engine is therefore not necessary.

Electrical power is extracted from the engine through the use of a generator, connected to the engine. For this
particular aircraft, electrical power is extracted for the following systems:

• Exterior and interior lighting;

• Avionics (including FCS sensors, cockpit instruments & communication equipment);

• Fuel pump;

• FCS actuators;

For avionics, a continuous power requirement of 120W is assumed [64]. As an educated guess, a continuous
power of 200W for the exterior and interior lighting is assumed. For the fuel pump a continuous power of 60W is
assumed.

The power consumption of the FCS actuators is quite crucial for this design and will therefore be treated in more
detail in the following section.

10.6.2 POWER REQUIREMENT ACTUATORS
In this section, the required power of the FCS actuators is determined. In the first subsection, some requirements
will be discussed. Then, the used method will be described. A distinction is made between the actuation sizing of
the FBW with mechanical backup and the full FBW systems. In the third subsection the results will be presented
and discussed. In the final subsection a conclusion will be presented, which also includes suggestions for further
research.

REQUIREMENTS

In order to properly size the actuation system, some CS23 requirements should be taken into account. First of all,
requirements exist on the maximum force the pilot is allowed to experience in the FCS. These requirements are
important to take into account when a mechanical system with added servo motors is being used. Furthermore, the
stick force per g requirements should be taken into account. These requirements exist so as not to let the pilot over-
stress the aircraft too easily. The most relevant requirements for the actuation sizing are summarized in Table 10.2.

Requirement CONS-LEG-CS23-FP-21 is relevant for a system with a mechanical linkage. For a full FBW system,
this force feedback must be added artificially and thus this requirement becomes obsolete.

METHOD

This section discusses the method used to determine the required electrical power for the flight control actuation.
Two different methods are described, for a control system with mechanical backup and for a full FBW control system.
The dimensions and mass of the actuation system are related to the required output power and will therefore be
determined based on the results presented in this section.

FBW WITH MECHANICAL BACKUP

In this system, a mechanical system will be augmented with servo motors in order to provide FEP capabilities. The
servos will be connected to the standard mechanical system. To give the servo motors the capability to help the pilot
in dangerous situations, they must be sized such that forces applied by the pilot may be overcome. Therefore the
requirements on maximum control forces experienced by the pilots, found in Table 10.2 become relevant. Also, the
stick force per g requirement for the elevator in requirement CONS-LEG-CS23-FP-32 must be met.

For the sizing of the actuators, the assumption is made that the maximum force exerted by the pilot is equal to
the maximum allowed forces dictated by CS23 regulations. The actuators will be sized assuming this maximum force
is applied by the pilot, assuming a stick length of 0.5m.
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Table 10.2: Requirements for the flight control system [40, 50].

Requirement ID Requirement

CONS-LEG-CS23-FP-08 The stick force shall, under no circumstance (not even for temporary
application), be higher than 267N for pitch.

CONS-LEG-CS23-FP-09 The stick force shall, under no circumstance (not even for temporary
application), be higher than 133N for roll.

CONS-LEG-CS23-FP-13 The rudder pedal force shall, under no circumstance (not even for
temporary application), be higher than 667N for yaw.

CONS-LEG-CS23-FP-14 The pitch control force for prolonged application shall not exceed
44.5N.

CONS-LEG-CS23-FP-15 The roll control force for prolonged application shall not exceed 22N.
CONS-LEG-CS23-FP-16 The yaw control force for prolonged application shall not exceed 89N.
CONS-LEG-CS23-FP-21 The stick force shall vary with speed so that any substantial speed

change results in a stick force clearly perceptible to the pilot.
CONS-LEG-CS23-FP-32 The elevator control force needed to achieve the positive limit ma-

neuvering load factor may not be less than W /14N (where W is the
maximum weight in kg), or 66.8N, whichever is greater, except that it
need not be greater than 156N, for stick controls.

FULL FBW SYSTEM

In order to compute the required output power of the actuators the first step is to compute the aerodynamic hinge
moments on the control surfaces. The calculation of the hinge moments is performed in Section 7.3.

Pr eq = Mhω (10.1)

The computation of the required power using the hinge moments is given in Equation (10.1), where ω is the
deflection rate of the respective control surface in r ad/s. The deflection rates are dictated by CS-23 requirements
and are given in Table 10.3, with representative maximum deflections of the control surfaces and the corresponding
rotation speeds.

Table 10.3: Reference control surface deflections of a general aviation aircraft with the recommended deflection rates according to CS-23 [40].

Control Surface Time [s] Max. Deflection [deg] Speed [deg/s]

Ailerons 0.2 ±17 85
Rudder 0.3 ±25 83.3
Elevator 0.2 ±25 125
Flaps 4 −40 10

In order to reach maximum deflection of each control surface within the times specified in Table 10.3, two differ-
ent methods can be used. The first is to assume constant output power, with a varying rotational speed. The second
method is to assume constant rotational speed, which leads to a varying output power.

When assuming constant power, the rotational speed varies as a function of the hinge moment acting on the
control surface. The minimum required power should be computed bearing the deflection times documented in Ta-
ble 10.3 in mind. The time to rotate the control surface over a certain deflection is given by Equation (10.2) (example
with elevator deflection, also applicable to ailerons and rudder).

tr ot∆δe
=ω ·∆δe (10.2) tr ot∆δe

= P

Mh
∆δe (10.3)

Finding ω from Equation (10.1) and rewriting yields Equation (10.3). When applying Equation (10.3) for the full
range of motion of the control surface and summing all rotation times, the total time to rotate the control surface
from neutral to full deflection is computed.

tr ot =
δe=25∑
δe=0

tr ot∆δe
(10.4)

In order to find the minimum required power to reach the specified rotation time, an initial value for the actuator
output power is chosen. The total time to deflect over the full range of deflection angles for each specific control
surface is computed according to Equation (10.4), using the initial value for the power. This process is iterated,
decreasing the power as needed in order to meet the deflection time requirement using minimum actuator power.

When assuming constant rotational speed, the speeds documented in the last column of Table 10.3 should be
used. In this method, the required output power is a function of the hinge moment. Since the hinge moment varies
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with control surface deflection, a plot can be made showing the required actuator power at a certain control surface
deflection.

In both methods, a check is implemented to see if the hinge moments in certain flight conditions are too excessive
for the pilot to handle. In case of a FBW system with a mechanical back up this can impose regulatory problems, since
regulations pose limits on the control forces that a pilot is allowed to experience [40].

Using the above-mentioned methods, the required actuator power is computed for the full range of deflections
of the respective control surface (see Table 10.3), in varying flight attitudes. The air speed used in computation is the
design maneuvering speed, VA . For the elevator and the ailerons, the required power is computed for a range of AoA
of 0−10 degrees, which is the expected range of AoA during flight. The required power for the rudder is computed
for a sideslip angle range of 0−20 degrees, in order to meet requirements on demonstrated crosswind [50].

RESULTS & DISCUSSION

This section discusses the results obtained from the above mentioned method. The power required for the control
surfaces will be computed as a function of control surface deflection and compared under different circumstances.

ELEVATOR

Using the hinge moments computed in Section 7.3 for the elevator and a rotation speed of 125 [deg/s] (see Table 10.3
yields the following results. Figure 10.4 shows how the power required for the elevator actuator changes when the
aircraft is flown at a different angle of attack. At α = 0[deg ] the power required shows a symmetrical trend over
the range of elevator deflections, as is expected since a symmetrical airfoil is used. When the aircraft is flown at
α= 10 [deg] the power distribution shifts. It is observed from Figure 10.4 that the maximum required power occurs
at α= 10 [deg] with maximum positive elevator deflection. Therefore, further comparisons are made using the most
demanding case at an angle of attack of 10 [deg].
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Figure 10.4: Power required for elevator actuator as a function of
elevator deflection, variation with AoA
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Figure 10.5: Power required for elevator actuator as a function of
elevator deflection, variation with elevator size

A control surface must be sized such that the aircraft is controllable. However, the size of the surface also in-
fluences the hinge moments and therefore the required actuator power. Figure 10.5 shows this comparison. As is
observed, reducing the control surface area reduces the required power most significantly at high elevator deflec-
tions.

Changing the location of the hinge line also influences the required actuator power. This is illustrated in Fig-
ure 10.6. It is observed that the required maximum power at positive deflections decreases when the elevator hinge
line is moved further aft.

It is interesting to look at the average power required for the elevator when operating it with a constant rotation
speed. The average and maximum power required for the elevator in different configurations is documented in
Table 10.4. The first column specifies the location of the hinge line as a function of the elevator chord. The second
column specifies the chord-wise size of the elevator as a fraction of the total horizontal stabilizer chord.

AILERON

The ailerons provide roll control for the aircraft. Required power for the actuators of one aileron is computed in
the same fashion as for the elevator. The results are presented here. Again, the power required for the ailerons is
computed with different configurations, changing the Aoa, the hinge line location and the control surface area. It is
found that the behavior of the required power for the ailerons is analogous to that of the elevator.

As for the elevator, it is observed from Figure 10.7 that the required power shifts, and maximum required power
increases, as the AoA increases. Comparisons for aileron size and hinge line location are therefore performed with
α= 10deg. From Figure 10.8 it is observed that required power decreases with a decreased control surface size. This
is in line with expectations. From computations performed in Section 7.2.1, an aileron size of 20% of the wing chord
is sufficient in terms of controllability of the aircraft.
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Figure 10.6: Power required for elevator actuator as a function of elevator deflection, variation with hinge line location

Table 10.4: Average and maximum power requirement for the elevator; rotation over the full range of motion with a constant speed of [125 deg
s−1] (α= 10[deg])

Location hinge line

[
1

ce

]
ce

ch
[-] Pav g [W] Pmax [W]

0.20 0.40 60.3 138.9
0.25 0.30 40.7 90.8
0.25 0.40 56.6 126.7
0.30 0.40 53.7 115.8
0.40 0.30 36.8 72.1
0.40 0.40 50.2 102.3
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Figure 10.7: Power required for one aileron actuator as a function of
aileron deflection, variation with AoA
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Figure 10.8: Power required for one aileron actuator as a function of
aileron deflection, variation with aileron size
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Figure 10.9: Power required for one aileron actuator as a function of aileron deflection, variation with hinge line location
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From Figure 10.9 it is clear that required maximum power decreases when the location of the hinge line is shifted
further aft of the control surface chord.

The average and maximum power requirements for each aileron configuration considered are tabulated in Ta-
ble 10.5.

Table 10.5: Average and maximum power requirement for one aileron; rotation over the full range of motion with a constant speed of [85 deg
s−1] (α= 10[deg])

Location hinge line

[
1

ca

]
ca

cw
[-] Pav g [W] Pmax [W]

0.30 0.20 16.8 38.5
0.30 0.25 26.5 59.8
0.35 0.20 16.1 35.3
0.40 0.20 15.9 32.5

It is observed that one aileron requires significantly less power on average than the elevator. The two aileron
actuators together will have a rough average power consumption of 32W when taking 0.2cw as the aileron chord.
This is roughly half of the average power consumption of the elevator actuator, which is in line with FAR rules of
thumb for the ratio between control surface forces [81].

RUDDER

Finally, the results are presented for the required power of the rudder actuator. The results are, as expected, similar
to those of the elevator and aileron controls.
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Figure 10.10: Power required for the rudder actuator as a function of
rudder deflection, variation with side-slip angle
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Figure 10.11: Power required for the rudder actuator as a function of
rudder deflection, variation with rudder size
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Figure 10.12: Power required for the rudder actuator as a function of rudder deflection, variation with hinge line location

Figure 10.10 shows that the power required for the rudder actuator varies with the side-slip angle as that for the
elevator and aileron changes with angle of attack. Also, the required power decreases significantly when the rudder
is decreased in size. This is observed from Figure 10.11. From Figure 10.12 it appears that the power required for the
rudder is not significantly influenced by the location of the hinge line.
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Again, the average and maximum power required during operation of the rudder is considered. The results are
documented in Table 10.6.

Table 10.6: Average and maximum power requirement for the rudder; rotation over the full range of motion with a constant speed of 83.3 [deg
s−1] (β= 20 [deg])

Location hinge line

[
1

cr

]
cr

cv
[-] Pav g [W] Pmax [W]

0.10 0.40 6.9 16.5
0.20 0.30 4.0 9.2
0.20 0.40 6.9 16.3
0.30 0.40 6.7 16.1
0.40 0.30 3.7 8.6
0.40 0.40 6.6 15.7

It must be noted that the results for the rudder actuator are considered to be very low, and are not in line with
the rule of thumb in [81], which states that the rudder usually experiences the highest control force. The reason for
the low computed power for the rudder actuator is unclear at the moment of writing and should be investigated in
future studies. The results for the power required for the rudder actuator are not considered completely valid.

CONCLUSION & RECOMMENDATION

In this final section, the total power required for the flight control actuation system is computed, which is used to
determine the required battery size in Section 10.6.3. Also, some recommendations for further studies are given.

The powers in this section are computed considering the configuration with a mechanical back up. The power
is determined such that the actuators are able to cope with the aerodynamic loads (hinge moments) experienced
during flight. In a mechanical back-up system, the actuators may be required to overrule pilot input as well. This will
require stronger actuators. However, in order to compute the total power required for the actuators, this is not taken
into account. The reason for this is the uncertainty in required FBW authority in order to provide sufficient control
input to restore the aircraft from dangerous attitudes and prevent accidents. The amount of required authority in a
system with mechanical back-up is dependent on the dynamic behavior of the aircraft, which is yet to be determined.

Table 10.7: Power required for the FCS actuation system

Control surface Pav g [W] Pmax [W]

Elevator 60.3 138.9
Aileron 16.8 38.5
Aileron 16.8 38.5
Rudder 6.9 16.5

Total 100.8 232.4

The total power required for the flight control actuation system is documented in Table 10.7. As can be seen
the total average power required is 100.8W and the peak power required is 232.4W . It must be noted that this is
the output power of the actuators and not the required electrical power. No actuator efficiencies have been taken
into account in these computations. The values in Table 10.7 are considered to be the highest required values for
the actuator power. In a full FBW system the required power, and thus actuator size, may be reduced by reducing
the hinge moments on the control surfaces. The option of splitting control surfaces is also considered to lower
the required power for the actuators. Even though this graceful degradation principle requires a higher number of
actuators, they each operate a smaller surface with a smaller hinge moment. Therefore the continuous amount of
power required for actuation of the conrol surfaces in a graceful degradation configuration is expected to be smaller
than the values presented in Table 10.7.

In order to reduce required actuator power in a full FBW system, the hinge moments may be reduced. To achieve
reduced hinge moments, the control surfaces can be balanced. Another option is to vary the location of the hinge
line of a control surface. One way of balancing a control surface is by adding a horn balance. A horn balance is a small
area of the control surface in front of the hinge line. Figure 10.13 is an example of such a horn balance. This part
of the control surface will reduce the hinge moment by producing an additional force, counteracting aerodynamic
forces. The price of a decreased hinge moment is added weight and an increase in drag. However, the required power
will be less which results in smaller actuators and a decrease in actuator weight.

Using control surface balancing can reduce the hinge moments acting on the control surface with 20% [92]. This
would allow the actuators to be scaled down. However, adding such balance horns will increase the drag and the
weight of the control surface. Further reduction of the hinge moments may be realized by optimizing surface area of
the control surface and location of the hinge lines.

It is suggested to further investigate the aerodynamic and mass penalties caused by reducing the hinge moments.
Potentially, reducing the hinge moments can lead to a significant reduction in the actuator mass and volume. This
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Figure 10.13: Example of a horn balanced rudder on a Beech E-18S Super 18 [7]

would allow for easier incorporation of higher levels of redundancy, which might expedite certification procedures.
However, if reducing the hinge moments comes at a too high price in terms of aerodynamics, it might negatively
influence the design to an unacceptable level. Also, further study is recommended in the area of optimizing the
control surfaces for adequate control with a minimum control surface area and to find the optimum hinge line
location in order to reach minimum hinge moments.

10.6.3 BATTERY SIZING
The aircraft will contain batteries for two main reasons. To cope with peak loads during demanding use of the elec-
tronic FCS and in order to provide the aircraft with electrical power in case of an engine out situation. The batteries
will be fed continuously from the generator incorporated in the engine. For more information on the engine selec-
tion and the generator, the reader is referred to Section 10.5. To determine the required energy from the batteries, the
engine out situation is considered leading. The batteries must be able to provide the aircraft with enough electrical
power to allow the pilot to safely land the aircraft. This is especially demanding in the full FBW configuration, since
loss of electrical power in this case would mean total loss of control.

In a full FBW system, double redundancy in the batteries is used in order to decrease the probability of losing
control of the aircraft. In order to compute the electrical power that is required to be stored, an actuator efficiency
of 80% is assumed [39]. In case of an engine out situation at cruise altitude, a time of 30 minutes is assumed for
the battery sizing. Equation (10.5) is used to compute the required battery energy to safely operate the aircraft in an
engine out situation.

Er eq = Pr eq tg l i de (10.5)

Using the values from Section 10.6.1 for the avionics, lighting and fuel pumps and the values from Section 10.6.2
for the flight control actuation, the total required electrical power can be computed.

From Section 10.6.2 the output power of the actuators is known. To find the required electrical power, the ef-
ficiency of the actuators should be taken into account. The efficiency is assumed to be 80% [39]. The required
continuous power is assumed to be equal to the average required power of the actuators. The peak load is assumed
equal to the maximum power required for the actuators. Taking the before mentioned efficiency into account, the
continuous power requirement for the actuators is assumed to be 126W, and the maximum power requirement is
290.5W.

It must be noted that the required power for the actuators is computed over the full range of deflection of the
control surfaces, and therefore the continuous power assumed is quite conservative. More detailed analysis of the
aircraft dynamic behavior to control input is required in order to determine a more suitable range of control surface
deflections. This will give a better estimation of the continuous power requirement for the flight control actuation.

Table 10.8: Required electrical power for the aircraft

Control surface Pcont [W] Ppeak [W]

FCS actuation 126.0 290.5
Lighting 200.0 200.0
Avionics 120.0 120.0
Fuel pump 60.0 60.0

Total 566.0 670.5

The total electrical power extracted from the engine is now documented in Table 10.8. It is assumed that during
normal operations, the generator incorporated in the Rotax 912 engine can cope with the electrical power demand
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of the aircraft. In case of an engine-out situation, the battery packs must provide the electrical power in order to
reach the ground in a safe manner. The value of continuous power from Table 10.8 will be used to size the battery
pack (e.g. Pr eq in Equation (10.5) is equal to the total Pcont in Table 10.8).

Table 10.9: Estimated battery mass and volume for Li-Ion and Ni-Cd batteries with a safety factor of 1.5, assuming 283Wh required energy and
dual redundancy

Battery type Energy specific
weight [Wh/kg]

Energy specific
volume [Wh/L]

Estimated
mass [kg]

Estimated
volume [L]

Li-Ion 240 600 3.54 1.42
Ni-Cd 90 150 9.43 5.66

Assuming tg l i de = 30mi n = 0.5hr, the total required energy from the batteries is 566.0(0.5) = 283Wh. A com-
parison between different battery types was performed in [64]. Two types of batteries are considered here. Li-Ion
batteries and Ni-Cd batteries. The battery weight and volume estimated are tabulated in Table 10.9. A safety factor
of 1.5 has been taken into account, and the estimated mass and volume already include a duel redundant battery
system.

As can be seen, a Li-Ion battery system is superior in terms of weight and volume. However, as is observed from
operations of the Boeing 787, Li-Ion batteries can give large problems during operation [107]. Also, the purchase cost
of Li-Ion batteries is higher than that of Ni-Cd batteries and the life cycle of Li-Ion batteries is lower.

In order to reach a conclusion about which type of battery to use, it is important to research the exact effect
of the additional weight of Ni-Cd batteries as compared to the additional cost of Li-Ion batteries. By conducting
this research a conclusion can be drawn if the additional DOC leading from a higher aircraft weight are worth the
decrease in purchase cost of the Ni-Cd batteries as opposed to the Li-Ion batteries. This conclusion should be drawn
in future work.
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11
DESIGN INTEGRATION

The purpose of this chapter is to give a short and concise overview of the aircraft design. In the first section a general
overview of the aircraft parameters is given. In the second section the total mass breakdown is presented, including
center of gravity locations. Also, the loading diagram is presented in this section.

11.1 AIRCRAFT PARAMETERS
This section summarizes some of the most important aircraft parameters. The overview is given in Table 11.1.

Table 11.1: Overview of the

Aircraft parameters

Wing Horizontal tail surface
ARw 10 [-] ARh 4.30 [-]
Sw 11.43 [m2] Sh 1.96 [-]
bw 10.69 [m] bh 2.90 [m]
cw 1.07 [m] ch 0.67 [m]
λw 0.90 [-] λh 0.50 [-]
Λw 2 [deg] Λh 5 [deg](

t

c

)
w

0.16 [-]

(
t

c

)
h

0.12 [-]

Vertical tail surface Aerodynamic properties
ARv 2 [-] CLcr ui se 0.34 [-]
Sv 0.68 [m2] CLmaxclean

1.6 [-]
bv 1.17 [m] CLmaxt akeo f f

1.6 [-]

cv 0.58 [m] CLmaxl andi ng
1.9 [-]

λv 0.50 [-]
L

D e
13.6 [-]

Λv 22.9 [deg]
L

D r
11.4 [-](

t

c

)
v

0.12 [-]

Design speeds
Va 57.5 [m s−1]
Vc 58.0 [m s−1]
Vd 86.0 [m s−1]
Vscl ean 23.6 [m s−1]
Vsl andi ng 21.7 [m s−1]

11.2 MASS BUDGET
To determine the mass budget, the Class II weight estimation from Roskam has been used for the majority of the
components. Where more detailed design was done, better estimates were used from those areas. This was the case
for all of the fixed equipment items and the landing gear. For the fuselage- and wingstructure, a detailed analysis was
done, giving more detailed component masses. All of the locations of center gravity were also determined, either
using definitions from Roskam or making a reasonable estimation. All of these results are presented in Table 11.3.
One thing to note is that there is still a contingency weight available of 10 kg, for which no center of gravity location
is defined. The presented results apply for the FBW system with mechanical back-up; the weight of the flight control
system increases for full FBW systems with increasing redundancy(See Table 11.2). As an estimation, two-thirds of
the mechanical flight control system are kept, as there will still be flight controls throughout the aircraft, and extra
actuators are added. This affects all of the different components and leads to a higher MTOW.

For some components a distribution was assumed, used in further structural analysis. The weight of the flight
control system was assumed to be equally distributed between the main wing and the horizontal tail. For the dis-
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Table 11.2: MTOW for different configurations

FBW with Mechanical backup FBW and 4x Redundancy FBW and graceful degradation
636.8 kg 681 kg 628.8 kg

tributed load of the payload, DINED (anthropometric database) was used. There it was found that, for Dutch males
between 20 and 30 years old, using the 82th percentile, in 2004, the buttock-popliteal depth is 550 mm.

Table 11.3: Mass Distribution

m C.G. Location (x-direction)

Engine Mass 101.0 [kg] 0.100 - 0.700 [m]

Nose Landing Gear Mass 6.6 [kg] 0.700 [m]
Rear Landing Gear Mass 24.6 [kg] 2.900 [m]
Fuselage Mass 92.1 [kg] 0.000 - 7.000 [m]
Horizontal Tail Mass 8 [kg] 6.100 - 7.000 [m]
Vertical Tail Mass 2.7 [kg] 6.216 - 7.000 [m]
Wing Mass 67.4 [kg] 2.100 - 3.100 [m]

Auxiliary Power Unit Mass 12.8 [kg] 3.000 [m]
Auxiliary Items Mass 4.3 [kg] 2.000 [m]
Flight Control System Mass 21.2 [kg] 3.100 - 6.500 [m]
Furnishing Mass 25.4 [kg] 2.000 [m]
Hydraulics, Pneumatics and Electrical System Mass 13.0 [kg] 2.100 [m]
Instrument and Avionics Mass 29.9 [kg] 2.000 [m]
Contingency Mass 10 [kg] - [-]

Fuel Mass 73.7 [kg] 2.100 - 2.389 [m]
Payload Mass 145 [kg] 1.725 - 2.275 [m]

Complete Aircraft 637.7 [kg] 2.079 [m]

Table 11.4 shows the effect of having different FBW systems with different redundancies. Of course, with increas-
ing redundancy the weight also increases. However, using the graceful degradation the MTOW will actually decrease
due to the smaller actuators. All of these options are still viable, but clearly the choice does have a big effect on final
MTOW.

Table 11.4: MTOW for different FBW systems

FBW system MTOW [kg]

FBW system with mechanical back-up 637.7
Dual redundant full FBW system 646.2
Triple redundant full FBW system 663.4
Quadruple redundant full FBW system 681.0
Dual redundant full FBW system with graceful degradation 628.8
Triple redundant full FBW system with graceful degradation 628.8

Figure 11.1 shows a pie chart with all of the different components of the aircraft. It contains both the absolute
value of each component, but also the percentage of the MTOW it takes up.

Figure 11.2 illustrates the loading diagram of loading the payload and the fuel to the empty weight of the aircraft.
Three different wing positions are shown: the original wing position, a 10% shift forward and a 10% shift towards
the back. The original wing position is the middle one and this graph implies that the payload and fuel locations are
roughly the same. The center of gravity shift in the entire mission will stay between 38 - 43 % of the chord length
behind the leading edge of the MAC.
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Figure 11.1: Weight distribution [kg, percent MTOW]
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Figure 11.2: Loading diagrams
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12
OPERATIONS AND LOGISTICS

The operations and logistics of the aircraft mainly consists out of maintenance related operations (inspections and
repairs). Next to that, the operations which are needed after use of the digital parachute will briefly be explained.

12.1 PROPOSED SYSTEM
Hangar: The aircraft can be parked outside, but it is recommended to store it in a protected place in order to increase
its lifetime.
Runway: A runway for take-off and landing, either paved or a dirt road with a lenght of min. 400m. is needed.
Fuel station: A Fuel station is needed in order to refuel the aircraft at the home airport EURO95 or Avgas, depending
on the chosen configuration.

12.2 INSPECTIONS
The first part of maintenance are the inspections of the aircraft. Several inspections have to be performed in order to
ensure airworthiness of the aircraft. These inspections are explained in this section. Alternative inspection programs
are not discussed in this section, as they mostly apply to commercial aviation.

12.2.1 PREFLIGHT INSPECTION
The preflight inspection is performed before every flight. The pilots checks everything in the cockpit, including the
documentation of the aircraft. Next to that, the pilot has to check control surfaces, engine, landing gear and the
structural integrity of the aircraft.

12.2.2 100 HOURS INSPECTION AND ANNUAL INSPECTION
As the name already suggests, the 100 hours inspection has to be performed after every 100 flight hours. This in-
spection is only applicable when the aircraft is used to carry any person for hire or when it is provided by the flight
instructor during flight instruction.

Next to that an annual inspection has to be performed. This inspection can only be performed by a mechanic
with an inspection authorization.

The annual and 100 hours are similar in scope and detail. The specification of the inspections can be found in 14
CFR part 43 [108].

12.3 REPAIRS
Repairs are conducted after inspections have indicated failure of aircraft parts.

12.3.1 PREVENTIVE MAINTENANCE
Preventive maintenance consist of the uncomplicated repairs and procedures, defined in 14 CFR [108]. All preventive
maintenance may be performed by a certified pilot (this excludes student pilots and recreational pilots).

12.3.2 MINOR & MAJOR REPAIRS
Repairs have to be classified minor or major. Repairs which are considered major can be found in 14 CFR part 43,
appendix A [108]. Major repairs can only be performed by a mechanic with inspection authorization at a certificated
repair station with an appropriate rating.

Minor repairs can be performed by a certificated mechanic at a repair station with appropriated certification.

12.4 DIGITAL PARACHUTE
The deployment of the digital parachute indicates an emergency situation. In general, the emergency procedure of
the airport where the autoland will be performed will have to be followed. When the aircraft has landed, the pilot’s
state has to be checked. When the digital parachute has been used because of the medical state of the pilot, a medical
team has to take care of him/her.

After that, the aircraft can taxi to the hangar if the pilot is in healthy state or the aircraft has to be towed towards
the hangar when the pilot is not uncooperative.
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Researching and introducing such a system, including Hardware development is not feasible for a single com-
pany (see Section 8.3), as it involves high risks. Therefore a detailed study of this system is not included in this report
now.
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13
PROJECT DESIGN AND DEVELOPMENT LOGIC

This chapters gives an overview of the main steps that have to be performed in the post-DSE phase. The steps are
visualized with block-diagrams and briefly described. In Figure 13.1 the main milestones are shown. For every main
milestone a separate flow chart is made. It has to noted that some overlap exists between these steps as described in
[60].

First the preliminary design has to be concluded, this requires the selection of a FBW system concept. Common
choices and the influences on the design are discussed in Chapter 8. Thereafter the detailed design phase can start,
this includes the refinement of the preliminary design down to smallest detail. This phase is followed by a testing
phase which eventually leads to the issue of the type certification. Results of the testing phase might lead to changes
in the design of the aircraft. After the type certification is issued the mass production phase can start. The major
milestone of this phase is the start of the delivery phase. The product support has to start with the beginning of the
deliveries of the aircraft.

Figure 13.1: Flow chart of main steps to be complete until market introduction.

Block diagram for the detailed design phase is shown in Figure 13.2. In the detailed design phase more advanced
tools are used like CFD and FEM programs. Further testing on the subsystems is done as well. Special attention
has to be paid on the realization of the FBW system. Since certification is a major difficulty design iterations which
may include changes in the preliminary design. Another major factor of this phase is the consultation with external
companies for subsystems. This may include development of complicated components like hardware for the FBW
system or just a supply contract for off the shelf components like rims.

Figure 13.2: Block diagram of steps that have to be performed in the detailed design stage.

A flow diagram of the testing phase is given in Figure 13.3. Purpose of testing is to validate the design models
used and verify that the technical requirements are met. The testing phase consists mainly of two parts. First the



96 Delft University of Technology08 - Minimum Fly-By-Wire Trainer

internal testing within the company and second the external testing with the flight authorities for receiving the type
certification.

Figure 13.3: Block diagram for required testing procedure.

Close to the end of the testing phase the manufacturing phase can start. This phase is shown in Figure 13.4. At
the beginning of the production phase organizational steps have to be taken. This might include the planning of the
production processes, in other words how to assemble the aircraft the most efficient way. Another important factor
is supply chain management to assure that the continuous supply of all materials and products is assured all the
time during production and that eventual problems can be early detected and resolved. Other aspects of the supply
chain management would the development of set of criteria the suppliers have to fulfill. Such a criteria could be an
ISO 9001 certification. Introduction of lean manufacturing methods like six-sigma represent another important part
of this initial phase. After planning is done the assembly of the aircraft can start. This is the point where eventually
all previously performed parts come together. The final stage is the delivery of the aircraft. It has to be noted that this
phase repeats and iterates itself during the whole length of production. For example advances made in the design
require other part supplier or changes in the assembly line management might lead to reduce cost.

Figure 13.4: Flow chart for actions during manufacturing.

After the delivery of the aircraft has started the product support phase has to start. A flow diagram is given in
Figure 13.5. Purpose of this phase is to help customers maintain their product and to invoke design changes in
the current aircraft fleet. Often the support of the delivered aircraft is not directly done by the producer but by
certified maintenance companies. They have to be controlled and their supply with spare parts has to be satisfied.
Another part of the product support is to receive customer feedback which may include feedback on small design
flaws, customer needs or safety critical design changes. This feedback is evaluated and finally a updated product is
produced.

In this section the steps were presented that have to be performed in the post DSE-phase. It was shown that five
major steps have to be executed until product market introduction can be reached. Refinement and a more in depth
analysis of the above presented steps is needed to make an accurate planning.
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Figure 13.5: Support flow chart for actions after market introduction.
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14
COST

14.1 PROJECT DEVELOPMENT COST
In order to estimate the selling price of the aircraft, project development cost has to be estimated. This will be done
in Section 14.1.1. Next to that, the direct operation cost has to be estimated (and optimized), which will be discussed
in Section 14.2.

14.1.1 EASTLAKE MODEL
The (base) model used is the Eastlake model [60]. This model has been adapted to incorporate FBW and has been
build into a MATLAB script.

ENGINEERING

Engineering cost accounts for man-hours needed to design and perform the necessary research and development.
Engineering cost is dependent on engineering hours (HE NG ), rate of engineering labor (RE NG ) and the consumer
price index relative to 2012 (C PI2012). When these parameters are known, the engineering cost can be calculated
with Equation (14.1).

CE NG = 2.0969 ·HE NG ·RE NG ·C PI2012 (14.1)

The engineering hours are dependent on the weight of the airframe (Wai r f r ame ), maximum level speed (VH ),
planned number of aircraft produced over a 5-year period (N ) and composite compensation factor ( fcomp ). When
these parameters are known, the engineering hours can be estimated with Equation (14.2).

HE NG = 0.0396 ·W 0.791
ai r f r ame ·V 1.526

H ·N 0.183 · (1+ fcomp ) (14.2)

The composite compensation fcomp is a value between 0 and 1 corresponding to the fraction of the aircraft that is
made out of composites. Airframe weight (Wai r f r ame ) can be estimated by subtracting avionics, engine and other
fixed equipment weight from the empty weight.

Note: the factor 2.0969 in Equation (14.1) is to compensate for changes since 1984.

TOOLING

Tooling cost accounts for designing, manufacturing and maintaining all tools (such as jigs, fixtures and molds). Tool-
ing cost depends on tooling hours (HT OOL), rate of engineering labor (RT OOL) and the consumer price index relative
to 2012 (C PI2012). When these parameters are known, the tooling cost can be calculated with Equation (14.3).

CT OOL = 2.0969 ·HT OOL ·RT OOL ·C PI2012 (14.3)

Where tooling hours are dependent on airframe weight (Wai r f r ame ), maximum level speed (VH ), planned number
of aircraft produced over a 5-year period (N ) and composite compensation factor ( fcomp ). When these parameters
are known, the tooling hours can be estimated with Equation (14.4).

HE NG = 1.0032 ·W 0.764
ai r f r ame ·V 0.899

H ·N 0.178 ·
(

N

60

)0.066

· (1+ fcomp ) (14.4)

MANUFACTURING

Manufacturing cost accounts for all the labor cost needed to manufacture the aircraft. Manufacturing cost depends
on manufacturing hours (HMFG ), rate of manufacturing labor (RMFG ) and the consumer price index relative to 2012
(C PI2012). When these parameters are known, the manufacturing cost can be calculated with Equation (14.5).

CMFG = 2.0969 ·HMFG ·RMFG ·C PI2012 (14.5)

Where tooling hours are dependent on airframe weight (Wai r f r ame ), maximum level speed (VH ), planned number
of aircraft produced over a 5-year period (N ) and composite compensation factor ( fcomp ). When these parameters
are known, the tooling hours can be estimated with Equation (14.6).

HMFG = 9.6613 ·W 0.74
ai r f r ame ·V 0.543

H ·N 0.524 · (1+0.25 fcomp ) (14.6)
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QUALITY CONTROL

The cost which is related to quality control accounts for technicians and equipment needed to demonstrate that
the product is properly manufactured. The quality control cost is dependent on manufacturing cost (CMFG ) and a
composites compensation factor ( fcomp ). The quality control cost can be calculated with Equation (14.7).

CQC = 0.13 ·CMFG · (1+0.5 fcomp ) (14.7)

DEVELOPMENT SUPPORT

Another part in cost estimation, is introduced by the development support. This part accounts for all process sup-
porting factors (such as overheads, administration and logistics). Development support cost is dependent on air-
frame weight (Wai r f r ame ), maximum level speed (VH ), number of prototypes (NP ), consumer price index relative to
2012 (C PI2012) and a composite compensation factor ( fcomp ). When all these parameters are known, the develop-
ment support cost can be estimated with Equation (14.8).

CDEV = 0.06458 ·W 0.873
ai r f r ame ·V 1.89

H ·N 0.346
P ·C PI2012 · (1+0.5 fcomp ) (14.8)

FLIGHT TEST OPERATIONS

In order to get the aircraft certified, flight tests have to be performed. These flight tests are inducing a significant
cost. The flight test operations cost depends on airframe weight (Wai r f r ame ), maximum level speed (VH ), number of
prototypes (NP ) and consumer price index relative to 2012 (C PI2012). The flight test operations cost can be calculated
with Equation (14.9).

CF T = 0.009646 ·W 1.16
ai r f r ame ·V 1.3718

H ·N 1.281
P ·C PI2012 (14.9)

MATERIALS

The materials cost accounts for the cost of raw materials (such as aluminum sheets or pre-impregnated composites).
The materials cost is dependent on the weight of the airframe (Wai r f r ame ), maximum level speed (VH ) and planned
number of aircraft produced over a 5-year period (N ). Materials related cost can be calculated with Equation (14.10)

CM AT = 24.896 ·W 0.689
ai r f r ame ·V 0.624

H ·N 0.792 ·C PI2012 (14.10)

ADDITIONAL COST

Additional parts Additional costs and discounts have to be considered. These can be accounted for per aircraft.
For these loose components, a quantity discount factor can be calculated, which accounts for the lower production-
price per unit in case of batch-production. The quantity discount factor can be calculated with Equation (14.11).
As can be concluded from this equation, the quantity discount depends on experience effectiveness (FE X P ) and the
amount of produced aircraft (N ).

QD = (F 1.4427·ln(N )
E X P ) (14.11)

The loose components account for cost of avionics, power plant (engine), landing gear and the propeller. The landing
gear will give a "negative price" because it is fixed. All the component prices (before discount) are summarized in
Table 14.1. The quantity discount factor will be multiplied with these costs.

Table 14.1: Add caption

Component Price (before discount) [e]

Avionics 3285
Landing Gear -5475

Power plant 15330
Propeller 2294

Reliability Cost Aircraft manufacturers need a reliability insurance. Usually, the reliability insurance cost is de-
pendent on the number of aircraft sold and the accident rate, but because the accident rate is not available between
12-17% is added to the total project development price.

FBW ADJUSTMENTS

In order to incorporate the cost of the FBW system, the model has to be adjusted. This is done by adding the cost of
sensors, actuators and flight computers.

Although this incorporates the hardware cost of the FBW system, it still leaves uncertainties in the cost estima-
tion; for example, it is not known how the engineering time is influenced by the development of a FBW system. A
contingency ofe50000 per aircraft will be considered in order to account for this.
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14.1.2 RESULTS

For all the discussed configurations, the amount of aircraft which have to be sold in order to reduce the selling price
to slightly below or equal to e400K can be estimated. Next to the normal redundancy, another form of redundancy
is considered: graceful degradation (GD). This is done with the model, discussed before. The number of aircraft sold
is computed to compare with the market analysis. When not enough aircraft can be sold, the concept is not feasible.

The price of an actuator is estimated by assuming the prices are comparable to the actuators of the autopilot of
the Cessna Citation II. This would be about e2623,62 per actuator [109]. To avoid underestimation of the cost of
actuators, the price per actuator have been rounded toe3000. The sensors are assumed to cost the same as the ones
used in the Diamond DA42. This would be an average of e11500 . The flight computer has a cost of about e7300
[64].

Table 14.2: Cost Results

Parameter Mech. Back-up Dual redundancy Triple redundancy

Input
Vh [kts] 138 140 136

Wai r f r ame [lbs] 443.29 443.29 464.5
Actuators [#] 3 6 9

Sensors [#] 3 6 9
Output
Aircraft sold per year 12 14 18

Parameter Quadruple redundancy Dual redundant GD Triple redundant GD

Input
Vh [kts] 136 144 144

Wai r f r ame [lbs] 465.18 432 432
Actuators [#] 12 6 9

Sensors [#] 12 6 9
Output
Aircraft sold per year 23 14 18

The input and output of the model has been specified in Table 14.2. As can been seen from this table, the least redun-
dant FBW system also has the lowest amount of units which have to be sold in order to comply with the maximum
selling price (Mech. Back-up). In contrast, the most redundant needs the highest sales. A more detailed breakdown
of the cost per configuration can be found in.

The results of the GD configurations are the same as of the non-GD configurations with the same redundancy.
However, this is caused by using the same actuator price. The price of the smaller actuators needed for the GD
configuration, might actually be lower. Unfortunately manufacturers of actuators are not really eager to give away
data about their products, so a prediction of the cost of using GD can not be made at the moment.

When the results of the market of the trainer aircraft, at this moment, are compared, the minimum market share
needed to break even can be calculated. This has been done using a trainer aircraft market which is minimal 144
shipments per year and maximal 192 shipments per year. The result can be found Table 14.3.

Table 14.3: Needed Share

Configuration Good market Bad market

Mech. back-up 6.30% 8.30%
Dual redundancy 7.30% 9.70%

Triple redundancy 9.40% 12.50%
Quadruple redundancy 12% 16%

Dual redundant GD 7.30% 9.70%
Triple Redundant GD 9.40% 12.50%

As new manufacturer in this market, with a expensive product, one should not expect a very high share. However,
10% is feasible, 10%-15% is questionable and higher than 15% seems rather impossible. Therefore, a quadruple
redundant system seems rather impossible from cost view in a bad market. A complete overview of the cost per sub
part can be found in Table 14.4
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Table 14.4: Development Cost of the Trainer Aircraft per Aircraft

Cost Part Mech.
Back-up

Dual Re-
dundancy

Triple Re-
dundancy

Quadruple
Redun-
dancy

Dual Re-
dundant
GD

Triple Re-
dundant
GD

Engineering 47770e 40720e 33510e 27550e 41620e 35180e
Tooling 30400e 26130e 22090e 18430e 26160e 22390e
Manufacturing
and Labor

147520e 134090e 122180e 109040e 133190e 120750e

Development
Support

2490e 2050e 1600e 1260e 2110e 1720e

Flight Test Oper-
ations

320e 260e 210e 160e 260e 210e

Quality Control 19180e 17430e 15880e 14180e 17310e 15700e
Materials 11650e 11200e 10850e 10330e 11220e 10750e
Avionics 13550e 13340e 13100e 12870e 13330e 13130e
Powerplant and
Propeller

13131e 12930e 12700e 12470e 13620e 12730e

Landing Gear -4065e -4002.59e -3931e -3861.4e -3998e -3937.6e
Fly-By-Wire 32294e 63598e 93695e 122720e 63530e 93855e
Contigency FBW
Development

50000e 50000e 50000e 50000e 50000e 50000e

Reliability 33833.5e 30497.7e 27382.7e 24291.4e 30578.6e 27434.7e

Total 398073.5e 398243.1e 399266.7e 399440.0e 398930.6e 399912.1e
Number of Air-
craft that Need
to be Sold

56 69 88 112 70 86

14.2 DIRECT OPERATING COST

14.2.1 MODEL & ASSUMPTIONS
The model, used for direct operating cost is described in [60]. This model incorporates maintenance, storage, fuel,
insurance, inspection, engine overhaul and loan costs.

Costs like insurance and loans are dependent on decisions of the owner of the aircraft. Therefore it is assumed
that the customer does not have a loan on the aircraft and that the owner insures the aircraft for the full buying price.

In the next sections, the calculations of all the different parts of the direct operating cost per year will be dis-
cussed.

MAINTENANCE

Maintenance cost is a significant cost due to operation of the aircraft. Maintenance cost is dependent on mainte-
nance to flight hour ratio (FMF ), hourly rate of a certified A&P mechanic (RAP ) and flight hours per year (QF LGT ).
Maintenance cost can be estimated by using Equation (14.12). The maintenance to flight hour ratio (FMF ) is esti-
mated as 0.35 [60].

C AP = FMF ·RAP ·QF LGT (14.12)

STORAGE

As a lot of pilots do not own their own hangar, cost for storage has to be considered. The cost of storage is approxi-
mated as $250 per month (equal toe182.50). Therefore the yearly cost of storage will be CST OR =e2190

FUEL

One of the most significant costs in (general) aviation is the fuel cost. The fuel cost is dependent on fuel flow during
cruise (F Fcr ui se ), flight hours per year (QF LGT ) and the price of fuel (RFU EL). The yearly cost of fuel can be calculated
with Equation (14.13).

CFU EL = F Fcr ui se ·QF LGT ·RFU EL (14.13)

INSURANCE

Insurance is one of the aircraft owner dependent costs. Assuming (initially) that an aircraft-owner insures for the
whole aircraft selling-price, the yearly insurance cost can be calculated with Equation (14.14).

C I N S = 365+0.015 ·C AC (14.14)
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ANNUAL INSPECTION

Annual inspection costs can be estimated. According to [60] this is approximatelye365.
The hundred-hours-inspection is not considered model from [60]. The level of detail in the hundred-hour-

inspection is the same as the annual inspection. However, the mechanic does not need the same ratings and is there-
fore assumed to be 20% less expensive. The hundred-hour-inspection cost can be calculated with Equation (14.15).

CH H I = QF LGT ·365

120
(14.15)

ENGINE OVERHAUL

In order to be able to pay for an engine overhaul, the owner has to save money for it. The engine overhaul fund cost
is dependent on overhaul cost (COV ERH AU L), flight hours till overhaul (QOV ER ) and flight hours per year (QF LGT ).
Engine overhaul cost per year can be estimated with Equation (14.16)

COV ER = QF LGT

QOV ER
·COV ERH AU L (14.16)

14.2.2 OPTIMIZATION OPTIONS
Since direct operating cost is a parameter for which has to be optimized in this project, a good understanding on what
can be optimized and how to do this has to be obtained. This has been done by generating pie charts of the relative
magnitude of the different aspects which are used to calculate the direct operating cost. Two different situations are
considered; private use and flight school use. As the final configuration/specification of the aircraft is not known yet,
the following assumptions on input have been made.

• Private use is 300 hours per year [60];

• Flight school use is 1000 hours per year [60];

• Aircraft cruises on 75% power, implying a fuel flow of 5.3 gallons per hour [110];

• Fuel cost ise3.57/gallon, based on Euro 95 gas [111];

• Aircraft is bought with own money;

• Aircraft is insured for a value ofe400000.

OVERVIEW

The results for calculating the direct operating cost, with the assumed input can be found in Figure 14.1.

(a) DOC Division Private Use (b) DOC Division Flight-school Use

Figure 14.1: DOC In Two Situations

Figure 14.1a implies that for private use, insurance, fuel and maintenance cost are the biggest parts. When looking
at Figure 14.1b, the insurance cost becomes less significant when the aircraft is used in a flight school. Optimiza-
tion of direct operating cost is therefore assumed to be the most efficient when focusing on fuel, maintenance and
insurance.

FUEL

Optimizing the cost of fuel basically means that the optimum combination of fuel flow per hour (F F f uel ) and fuel
cost (R f uel ).

The two options for different types of fuel basically are Avgas and Euro 95. These fuels can respectively be used
with the Continental IO-240-B3B and the Rotax 912s engine. However, the Continental engine has 25 hp more than
the Rotax engine.

The relative difference between the fuel cost of using the Continental engine and the Rotax engine can be cal-
culated. Although the continental engine delivers more power, in the following calculations, it will be assumed that
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with both engines, cruise will be performed on 75% power. The extra power that the Continental engine can deliver,
would be needed when weight and drag run out of bounds.

The Continental engine has a fuel flow of F Fconti nent al = 5.5 [gallons/hr] where the Rotax engine has F F f uel = 5.3
[gallons/hr]. Next to that, the price of Avgas is equal to RAv g as = e5.72 [1/gallons] and the price of Euro 95 is equal to
Reur o95 =e3.57 [1/gallons]. Now, the relative difference can be calculated with Equation (14.17).

Di f f =
(

RAv g as ·F Fconti nent al

Reur o95 ·F FRot ax
−1

)
·100 (14.17)

From this calculation can be found that using the Continental engine can increase the cost of fuel with 66%. As fuel
cost was already concerned a big part of the direct operating cost, ideally an Euro 95 using engine has to be used.

Next to that the fuel flow has to be minimized. As fuel flow is directly proportional to power setting and therefore
power required, from Equation (14.18) can be found that the drag should be minimized.

PR = DV (14.18)

MAINTENANCE

Maintenance also is big part of the direct operating cost. The maintenance cost parameter which has to be optimized
(or at least not made worse) is the maintenance to flight hour ratio (FMF ). The following relevant influences are
discussed in [60].

• Maintenance performed by owner or mechanic;

• Engine accessibility;

• Type of landing gear;

• Radios installed;

• Type of fuel tanks;

• Complexity of flaps.

If the influence of the choice of the aircraft owner is not taken into account, the maintenance cost can be opti-
mized by certain design choices. Maintenance to flight hour ratio usually is driven up by bad engine accessibility,
retractable landing gear, IFR radios, integral tanks and complex flap systems

Due to the "conventional" type of design, chosen for this trainer, good engine accessibility is a matter placing
the "hood" conveniently. Next to that, it has not been decided yet which kind of radios are to be installed. However,
when the aircraft is not used for IFR operations, installing IFR radios should be avoided as it drives up the cost. The
last influence for which has been optimized is the complexity of the flap system. Simple flaps have been chosen (as
more complex flaps are not usual for general aviation) which will not increase the maintenance to flight hour ratio.

INSURANCE

Insurance cost usually dependents on the insured price of the aircraft and the experience of the pilot (in the model
only on insure price). The flight envelope protection can reduce the difference in insurance price due to experience.
The reduced probability of a unexperienced pilot crashing the aircraft will make the insurance less expensive for
unexperienced pilots, which highly affects the insurance cost of a flight school. Nevertheless, the insurance cost of a
flight school was not a very significant part.

Next to that, a great opportunity will be available for owners of the aircraft. Since it is not likely to lose the full
aircraft anymore, the owner can safe a lot of money on insurance cost. If there is reduced probability of a crash, one
can choose to insure for a lower value than the purchase price.

14.2.3 RESULTS
For all the different configurations the direct operating cost has been analyzed. The only direct operating cost pa-
rameter that is different between the configurations is the fuel flow during cruise. The results for the direct operating
cost can be found in Table 14.5. A more detailed breakdown of the direct operating cost of all FBW configurations
can be found in Tables 14.6 and 14.7.

Table 14.5: DOC in euro per hour (e/hr)

Configuration Fuel-flow DOC private use DOC flight-school

Mech. back-up 4.817 65.94 47.68
Dual redundancy 4.791 65.85 47.59
Triple redundancy 5.1445 67.11 48.85
Quadruple redundancy 5.15 67.13 48.87
Dual redundant GD 4.583 65.11 46.85
Triple Redundant GD 4.583 65.11 46.85

When looking at the results, the graceful degradation configurations are ideal from the view of direct operating cost.
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Table 14.6: Direct Operating Cost 300 hour Inspection

Cost Part Mech.
Back-up

Dual Re-
dundancy

Triple Re-
dundancy

Quadruple
Redun-
dancy

Dual Re-
dundant
GD

Triple Re-
dundant
GD

Maintenance 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr
Storage 7.30e/hr 7.30e/hr 7.30e/hr 7.30e/hr 7.30e/hr 7.30e/hr
Fuel 17.22e/hr 17.13e/hr 18.39e/hr 18.41e/hr 16.39e/hr 16.39e/hr
Insurance 21.22e/hr 21.22e/hr 21.22e/hr 21.22e/hr 21.22e/hr 21.22e/hr
Inspection 1.22e/hr 1.22e/hr 1.22e/hr 1.22e/hr 1.22e/hr 1.22e/hr
Engine
Overhaul

3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr

Total 65.94e/hr 65.85e/hr 67.11e/hr 67.13e/hr 65.11e/hr 65.11e/hr

Table 14.7: Direct Operating Cost 1000 hour Inspection

Cost Part Mech.
Back-up

Dual Re-
dundancy

Triple Re-
dundancy

Quadruple
Redun-
dancy

Dual Re-
dundant
GD

Triple Re-
dundant
GD

Maintenance 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr 15.33e/hr
Storage 2.19e/hr 2.19e/hr 2.19e/hr 2.19e/hr 2.19e/hr 2.19e/hr
Fuel 17.22e/hr 17.13e/hr 18.39e/hr 18.41e/hr 16.39e/hr 16.39e/hr
Insurance 6.37e/hr 6.37e/hr 6.37e/hr 6.37e/hr 6.37e/hr 6.37e/hr
Inspection 2.92e/hr 2.92e/hr 2.92e/hr 2.92e/hr 2.92e/hr 2.92e/hr
Engine
Overhaul

3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr 3.65e/hr

Total 47.68e/hr 47.59e/hr 48.85e/hr 48.87e/hr 46.85e/hr 46.85e/hr
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15
RISK ASSESSMENT

This chapter will describe the risks that might occur in development of a FBW trainer aircraft and during flight of
such an aircraft. After analyzing the risks and mitigation methods, they are mapped according to probability and
consequence on a risk map.

15.1 RISK DESCRIPTIONS
This section discusses the descriptions of the risk associated with the Minimum Fly-By-Wire Trainer Aircraft.

15.1.1 GENERAL RISKS
These are the general risks for the development of a small trainer aircraft.

GR.1 Market acceptance: Due to political or economical reasons, the market could be too small/could shrink
during the development of the aircraft. Therefore, it is essential to base the market predictions on reliable
sources. The market analysis performed in the Baseline Report [50] indicates an overall small market for trainer
aircraft, but a market growth is expected in the following 10 years. This analysis is supported by the fact that
Airbus plans to put 2017 80 hybrid trainer-aircraft [112] on the market and actual market development.

GR.2 Market development/competitors: Both before and after market introduction, competitors may appear who
could take part of the market. The aircraft has the distinctive advantage of increased safety through a FEP, auto-
land and digital flight data measurement. This gives a head-start in the development of the system, therefore
mitigating the risk by appearing competitors. There are currently no two-seated FBW trainer aircraft on the
market and to this information, the only company developing small FBW aircraft is Diamond-Aircraft.

GR.3 Weight/cost growth iterations: The design of an aircraft is an iterative process and small unexpected changes
in the later design stages might lead to large changes in the overall design, which would lead to delays and cost
increases. This risk is mitigated by including safety factors in the estimations. As the design progresses, further
levels of detail improve the accuracy of the design iterations. The sensitivity analysis provides an indication
of the effects of changing different parameters on the aircraft weight. An important factor that should be
considered is the choice of engine. If weight growth leads the weight up to high, a different engine is required,
which would have a major impact upon the entire design of the aircraft and its structure.

GR.4 Changing/New Governmental Trade laws: In the detailed market analysis an analysis of the actual situation
and a prognosis on the trade laws developments for the different markets need to be performed. The risk exists
that trade laws change and create difficulties in exports and imports.

GR.5 Data loss: The possibility exists, that data without back-up gets permanently lost due to an inconvenient
event. Therefore all digital data should be stored with some back-up system.

GR.6 Product Risk: This is the risk, that the product may not be delivered to market within resources (time, money)
available. If delivered within resources, the risk exists, that the product may not work as envisioned.

15.1.2 FLY-BY-WIRE DEVELOPMENT RISKS
The development of a FBW system for small aircraft comes with a number of associated risks, they are listed below.

FR.1 Certification: A major risk associated with the development of this fly-by-wire trainer lies in certification,
as there are no specifically fixed requirements on a fly-by-wire aircraft. Inability to get the aircraft certified
would be catastrophic to the project. The odds of getting the aircraft certified depends on the way in which
the fly-by-wire system is implemented.

The aircraft is likely to be certifiable if the system is fitted with a mechanical back-up, such that in-flight failure
can be resolved by disconnecting the FBW actuation systems.

Completely FBW systems pose differing risks depending on the level of redundancy. Triple and Quadruple
redundancy systems have been shown to be certifiable for larger aircraft, but these come at a cost of weight.
Double redundancy would save weight, might be certifiable, but no such system has been certified for now.
The required redundancy level also depends on the reliability of the actuators and other subsystems.

A dual or triple redundancy system designed with a graceful degradation philosophy, could lower weight whilst
improving the odds of certification.
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FR.1.a Mechanical back-up
FR.1.b Full double redundancy
FR.1.c Full triple redundancy
FR.1.d Full quadruple redundancy
FR.1.e Graceful degradation

FR.2 Development of Certification Standards for Small Aircraft: Due to the accumulation of experience with fly-
by-wire systems, it is very probable that certification of fly-by-wire systems will become easier in the future,
especially for small, single-engined machines. Nevertheless, as the certification rules are in a development
stage the risk exists that they change during the development of the aircraft, which would have implications
on the system requirements, and could trouble the development of the aircraft in all aspects.

FR.3 Software Development: The main risks linked to software development appear at two points in time, either at
a late design stage before certification or after market introduction. If delays or errors appear before certifica-
tion, they will cause certification delays and will increase the costs significantly. Generally it must be said that,
as in most complex projects, the estimated total required development time and cost will rise with the elabora-
tion of the fly-by-wire software in more details. On the other hand, if errors appear after market introduction,
they can change the public perception of fly-by-wire systems and might decrease the market significantly or
even cause a change of certification procedures. This event has the power to stop the project entirely. This risk
will be mitigated by following the software development standards DO 178-B and by having staff experienced
in software design for safety-critical systems.

FR.4 Hardware Development/Availability: Some hardware (actuators, computers, connection buses, sensors, etc.)
will need to be designed especially for the specific fly-by-wire layout utilized, although this should carefully
be traded off and avoided, whenever possible. Hardware, which is newly designed, creates the possibility of
development of delays and cost increase. This risk will be mitigated by starting development early and by
working together with avionics manufacturers from early on.

FR.5 PPL Regulations: At the current point it would be possible to perform PPL-training with an aircraft fitted
with fly-by-wire systems. Nevertheless, for the future the possibility exists that this might be prohibited due to
several reasons, one of them the increased knowledge required from the students, as they need to understand
and operate the complex flight control system. To mitigate this risk, this trainer will contain a simple FBW
system with just a direct law-mode and a FEP (which can be turned off). This decision ensures that flying on
this aircraft will represent the handling of a mechanically controlled aircraft, and that PPL training will remain
possible with this aircraft.

FR.6 Reduced Redundancy: In the design of the fly-by-wire system, a certain security level is achieved by adding
redundancy, which for example means using several computers with different hardware and software per-
forming the same tasks. The risk exists, that a influence from outside affects all computers in the same fashion
(e.g electromagnetic attack), and the calculated redundancy is therefore futile. This risk could be mitigated by
using hardware from different manufacturers in the redundant components.

15.1.3 OPERATIONAL RISKS
This section lists and describes the risks that occur in operation of the aircraft, as well as the measures that are taken
to mitigate probability and consequence of these risks.

OR.1 Engine failure: The engine is a complicated aircraft subsystem, consisting of a lot of moving parts and thus
subject to wear. The loss of propulsion does not need to have catastrophic consequences because the aircraft
can be put down through gliding flight.

The risk of engine failure occurring is minimal if the engine is subjected to the specified maintenance, inspec-
tion and timely overhauls.

OR.2 Structural disintegration: Structural breakage can occur in numerous parts of the aircraft, with varying sever-
ity of the consequences.

OR.2.a wing
OR.2.b control surfaces
OR.2.c landing gear
OR.2.d fuselage

OR.3 Communication loss: It might happen during flight that the communication systems fail. This would leave
the pilot unable to communicate with Air Traffic Control or with other pilots, potentially causing dangerous
situations.

OR.4 Sensor errors: Erroneous readings on sensors could provide the FBW system with faulty information on
aircraft attitude, which could lead to dangerous corrections from the Flight Envelope Protection system. This
could result in the airplane crashing.

The aircraft will be fitted with redundant sensors for the FEP system. The combination of various sensor read-
ings will introduce a minimal delay in the system, but it will prevent malfunctioning sensors from causing
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dangerous situations. When a mechanical back-up is used, the whole FBW is disengage in case of error and
therefore erroneous sensor readings cannot cause dangerous situations anymore.

OR.5 Loss of electrical power: A partial loss of electrical power can be resolved using back-up power supplies. A
complete electrical black-out would lead to a complete loss of control in the case of a FBW system without
mechanical back-up.

OR.5.a Partial failure
OR.5.b Complete failure

The electrical power supply system will be designed such that no single failure will be catastrophic. There will
be back-up batteries to provide power in case one battery, the alternator, or the engine fails. In case of dual
battery failure, the engine-driven alternator will be able to provide power. In this manner, a complete power
failure will become extremely improbable.

OR.6 Partial loss of control: A partial loss of control could occur for various reasons, but for most cases is not
very catastrophic because malfunction on one of the control surfaces can be resolved using the other controls.
Especially using the FBW system, a partial loss of control may be resolved using the Flight Control Computers
to maintain controllability and minimize the consequence.

OR.6.a Stall: An airplane in stall conditions could cause a partial loss of control, which could prove dangerous
at the hands of an inexperienced pilot. Most stall conditions can be resolved using the control surfaces.
Furthermore, the FEP system will prevent the pilot from entering a stall situation.

OR.6.b Hail: Impact from large hailstones could break some of the aircraft control surfaces.
OR.6.c Blockage: Part of the controls could become blocked due to ice or other reasons. The aircraft will most

likely not be certified for flight into known icing conditions.
OR.6.d Actuator Failure: Failure of the actuators that move the control surfaces would limit control of the air-

craft. However, the primary control surfaces will be fitted with reliable actuators and redundant actua-
tion, such as to make failure extremely improbable.

OR.7 Complete loss of control: All controls of the aircraft could get lost due to an error coming from a central
source, such as the electrical power system. The probability of a complete loss of control is next to none.
For example, a complete loss of electrical power would only occur if the engine/alternator and both battery
systems fail.

OR.8 On board fire: An onboard fire will have catastrophic consequences. Therefore all the possible sources of fire
must be sufficiently isolated from critical components of the aircraft.

OR.9 Pilot unable to fly: Due to medical reasons (unconsciousness,...), the pilot could become unable to fly, with
the risk of the aircraft getting out of control and crashing. The risk of pilot inability to fly is hard to reduce,
but might be possible through medical check-ups. The consequence can be reduced with a back-up auto-land
system.

OR.10 Brake failure: If the braking system were to break, the aircraft can not be stopped within the required runway
length.

OR.11 Exhaust leakage: The heating system for the aircraft will most likely be of the exhaust shroud type. This intro-
duces the risk of carbon monoxide leaking from the exhaust system into the cockpit. This risk can be mitigated
by regular inspection of the exhaust pipe for cracks. Furthermore, fitting a carbon monoxide indicator in the
cockpit will allow the pilot to open up the ventilation and shut off the heating if leakage were to occur.

OR.12 Fuel system: Various risks are associated with the fuel system.

OR.12.a Leakage: Small leaks might occur for fuel tanks and lines. They should be found by inspection of the
aircraft and should not pose a threat at an undetectable level. Threat can be minimized by having the
fuel system separated from the electrical system and properly protected from engine heat.

OR.12.b Fuel pump failure: Failure of a fuel pump, if those are fitted, should be prevented with proper mainte-
nance, but will also be resolved using a redundant second pump, powered using a separate power source.

15.2 RISK MAP
In the risk maps, each risk is assigned an individual probability of risk and corresponding severity of the conse-
quences. The project development risks are mapped in Table 15.1. The risk map for the risks during operation of the
aircraft is provided in Table 15.2.
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Table 15.1: Risk map for development risks

Negligible Marginal Critical Catastrophic

Certain
Likely FR.1.b

Possible GR.2 GR.3,FR.3,FR.1.c FR.1.e
Unlikely GR.4 GR.6, FR.4, FR.5, GR.1 FR.1.c,FR.1.d

Rare GR.5 FR.1.a

Table 15.2: Risk map for operational risks

Negligible Marginal Critical Catastrophic

Certain
Likely

Possible OR.5.a, OR.9 OR.3
Unlikely OR.11 OR.1, OR.10 OR.2, OR.6.b, OR.6.c

Rare OR.4, OR.6.d OR.6.a, OR.12 OR.5.b OR.7, OR.8
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16
REQUIREMENTS COMPLIANCE MATRIX

In this chapter, it is checked whether or not all of the requirements set at the start of the design are met. This is done
using a requirement compliance matrix, which shows whether the requirement is met and if so where in the final
report this can be found.

16.1 PERFORMANCE REQUIREMENTS
The performance requirements set at the Baseline report are list in Table 16.1. All of them are met, most of them are
presented in Chapter 9 which includes all of the calculations. The requirement on emissions is not really elaborated
on in this report. Comparing the emissions to the DA-20 can be done for the American version (Continental IO-240-
B3B) and the European version (Rotax 912s). As the aircraft uses the same engine as the European version, it is first
compared to that one. The fuel flows are thus the same and the same gasoline (Euro 95) is used. The only factor of
importance is now the speed of the aircraft. The cruise speed of a Diamond DA-20 (138 kts) is much larger than the
cruise speed of the aircraft (113), thus increasing the emissions per kilometer.

Now comparing it to the American version, there are several differences. The fuel flows at 75% power will be
different and the type of fuel used is different (AvGas). The fuel flow of the Continental engine is 5.5 gal/hr and the
Rotax has a fuel flow of 5.3 gal/hr. In one hour the Diamond has flown 256 km, while the aircraft has flow 209 km.
This means that the Diamond uses 0.021 gal/km and the aircraft 0.025 gal/km. Furthermore from [113] it can be
concluded that burning automotive fuel releases more CO2 than AvGas, causing higher overall emissions than the
DA-20.

Table 16.1: Performance requirements compliance matrix

Number Description Design Section

MFT-PER-FP-01 Minimum cruise speed of 90
kts

113 kts Section 9.6.2

MFT-PER-FP-02 Minimum demonstrated
crosswind of 15 kts

25 kts Section 7.1.3

MFT-PER-FP-03 Minimum rate of climb of 800
ft/min

1605 ft/min Section 9.6

MFT-PER-FP-04 Minimum range of 800 km in
solo training configuration

1500 km Section 9.6.1

MFT-PER-FP-05 Maximum take-off distance
(50 ft obstacle) of 500 meters

340 m Section 9.6

MFT-PER-FP-06 Maximum landing distance (50
ft obstacle) of 400 meters

317 m Section 9.6

MFT-PER-EM-01 Emissions at or below the level
of a Diamond DA-20

Higher emissions [-]

16.2 STAKEHOLDER REQUIREMENTS
Next to the performance requirements, there are also some stakeholder requirements. These are all functions that
add value to the aircraft, especially for flight schools. The requirement on reconfiguration is not met, as it was de-
cided that the auto-land system would not become removable. This was done because the final weight of the entire
auto-land system was lower than expected (around 8 kg). The increase in complexity and difficulty of certification
outweighs the savings of weight in this case. The only problem that is still left for the auto-land system is the dif-
ficulty of certification. This means The aircraft is operable in both the USA and Europe, as most of the regulations
from CS-23 also apply in the American version FAR 23.

16.3 GENERAL SYSTEM REQUIREMENTS
The general system requirements compliance matrix is shown in Table 16.3. Most of them were pretty straight for-
ward and were easily met. However the certification of the aircraft is going to be the most difficult to reach. Due to
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Table 16.2: Stakeholder requirements compliance matrix

Number Description Design Section

MFT-STH-TRA-01 Ability to record the flight state
for electronic debrief

Yes Section 10.4.3

MFT-STH-TRA-02 Ab-initio training for a single
engine land license (VFR and
IFR)

Yes Section 10.3

MFT-STH-TRA-03 Aircraft shall have FEP Yes Section 8.2
MFT-STH-TRA-04 Autoland capability in solo

training configuration
Unsure Section 8.3

MFT-STH-TRA-05 Reconfiguration between dual
and solo modes possible in
max 2 hours

N.A. [-]

MFT-STH-EASA-01 Aircraft operable in USA and
Europe

Yes [-]

the advanced technology used and no available CS-23 requirements on this FBW system, it is a critical point of this
design. With the wide variety of options available, this report shows that there are enough options to get this design
through certification.

Table 16.3: General systems requirements compliance matrix

Number Description Design Section

MFT-SYS-COS-01 Direct purchasing costs shall
be less than 400K Euro per unit

Yes Chapter 14

MFT-SYS-RES-01 The preliminary design shall
be completed within the allo-
cated time of 10 weeks

Yes Appendix D

MFT-SYS-RES-02 The preliminary design shall
be completed by nine students

Yes Appendix C

MFT-SYS-PPL-01 The aircraft shall be a single-
engine aircraft

Yes Section 4.2

MFT-SYS-PPL-02 The aircraft shall be fitted with
duplicate primary flying con-
trols

Yes Section 10.3

MFT-SYS-PPL-03 The aircraft shall give students
the opportunity to train for
both VFR and IFR ratings

Yes Section 10.3

MFT-SYS-COMM-01 The student pilot and instruc-
tor shall be able to communi-
cate at all times

Yes Section 4.2

MFT-SYS-COMM-02 The student pilot and instruc-
tor shall be able to commu-
nicate with air traffic control
(ATC) via radio

Yes Section 10.3

MFT-SYS-EASA-01 The aircraft shall be certifiable
according to the EASA CS-23
for Utility Aircraft

Yes [-]

16.4 CS-23 REQUIREMENTS
The most important CS-23 requirements from the Baseline report are put into the requirements compliance matrix,
shown in Table 16.4. There are a lot missing compared to the baseline report, but they turned out to be too detailed
for this design stage. The ones listed here have been investigated and were met during this preliminary design.

16.5 FLY-BY-WIRE REQUIREMENTS
Finally, there were some FBW requirements set at the start of the design. The probability of failure was critical in
creating the different options for the FBW system. If dual redundancy was the only viable option, it would not have
provided a failure that was low enough. This report shows that triple redundancy is an option, so this requirement
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Table 16.4: CS-23 requirements compliance matrix

Number Description Design Section

MFT-CS23-FP-01 VS0 at maximum weight shall
not exceed 113 km/h

Yes Section 9.6.2

MFT-CS23-FP-04 Steady gradient of climb at sea
level shall be at least 8.3%

0.3459 Section 9.6

MFT-CS23-FP-22 The aircraft shall possess static
longitudinal stability

Yes Section 7.1.2

MFT-CS23-FP-25 The aircraft shall possess static
directional stability

Yes Section 7.1.3

MFT-CS23-FP-28 Any short period oscillation
shall be heavily damped

Yes Section 7.4.2

MFT-CS23-FP-29 ’Dutch-roll’ shall be damped to
1/10 amplitude in 7 periods

Yes Section 7.4.3

MFT-CS23-ST-05 VC (in kts) shall not be less than
33

p
W /S

Yes Section 5.2.1

MFT-CS23-ST-06 VD (in kts) shall not be less
than 1.50 times the minimum
cruise speed

Yes Section 5.2.1

has been met. Of course, with actuators on the rudder, aileron and elevator 3-axis control of the aircraft is possible.
Furthermore, the control feel of a conventional aircraft is possible by programming some control laws in the FBW
system.

Table 16.5: FBW requirements compliance matrix

Number Description Design Section

MFT-FBW-01 The FBW system shall be certi-
fiable for use in the aircraft

Yes [-]

MFT-FBW-03 The probability of catastrophic
failure of the FCS shall be no
higher than 10−9

Yes Chapter 17

MFT-FBW-04 The FBW system shall allow for
3-axis control of the aircraft

Yes [-]

MFT-FBW-06 The FBW system shall keep
the aircraft attitude within the
flight envelope boundaries

Yes Section 8.2

MFT-FBW-07 The FBW system shall be able
to provide the control feel of a
conventional aircraft

Yes [-]
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17
RAMS CHARACTERISTICS

In this chapter the RAMS characteristics are described. The purpose of the RAMS analysis is the mitigation of risks
during the project.

17.1 RELIABILITY
The required reliability for different components of the aircraft can be derived from ARP4761. This guideline assigns
a maximum failure rate to a certain hazard level. Other guidelines to improve reliability of an aerospace system are
[114]:

• DO-178C;

• DO-254;

• ARP4754.

The whole FBW system requires a maximum failure rate of 1E-09 failures per flight hour due its catastrophic con-
sequence in case of a failure. This reliability can only be achieved by redundancy which is illustrated in Table 17.1.
The table shows he the minimum required MTBF and failure rate for different redundancy levels to achieve a safety
critical system. For the values in the table the assumption was made that failures are independent from each other.

Table 17.1: Minimum MTBF and failure rate for safety critical systems

Redundancy MTBF (h) failure rate (1/h)

Single 1E09 1.0E-09
Double 3.16E04 3.16E-05
Triple 1E3 1E-03
Quadruple 1.78E2 5.62E-03

Without redundancy a system (or independent subsystem) has to be able to operate around one billion hours
before an error would be statistically expected. It is obvious that this cannot be achieved. Therefore some kind of
redundancy is needed.

For the FBW control computer two different redundancy concepts can be used. The first centralized concept
duplicates the control computers. In case of an error the other computer takes over and controls the aircraft. In
the second concept a decentralized computer system, which consists of many small computers that each have a
different task, yields the required redundancy. Every node of this decentralized system also processes the task of
a certain amount of other nodes. A judging algorithm detects errors in nodes and outputs the most reasonable
command.

17.2 AVAILABILITY
In this section the expected availability is estimated. According to [60] a common flight school performs around
1000 hours of flight training a year with each of its trainers. Assuming that the aircraft is airborne at five days a week,
one obtains an average of 3.85 flight hours during these days. Based on this number ten 100 hour inspections have
to be performed during a year. [] gives an indication that a 100 hour inspection requires around 20 man hours of a
mechanic. This translates to a downtime of around 1.5 days for every 100 hour inspection. Therefore the 100 hour
inspections contribute to 15 days of downtime every year. If 19.25 flight hours are performed each week, a 100 hour
inspection has to take place in a 2.5 weeks interval. In chapter 14 it was determined that the maintenance to flight
ratio of the aircraft is going to be 0.35. This means that 350 hours of maintenance has to be performed every year
on the aircraft. Based on the fact that 200 hours of maintenance is performed during the 100 hour inspections, 150
hours is left for other maintenance. This maintenance can include daily maintenance (like flight preparation) and
maintenance performed in other intervals (e.g. 50 hours). It is assumed that maintenance, which is not part of the
100 inspection, does only produce a downtime on an hourly basis and thus no major interference with the flight
schedule is expected.

For a private aircraft owner 300 flight hours were assumed in Chapter 14. This leads to 105 hours of maintenance.
The breakdown leads to 60 hours for the 100/annual inspection and 45 hours for other inspections.

In Section 17.3 the tasks that have to be performed during the different inspections is discussed.
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17.3 MAINTAINABILITY
Maintenance of an aircraft takes place in certain intervals. Mandatory for general aviation aircraft is the 100 hour/annual
inspection. It takes place after 100 hours of flight operation or after 1 year after the last 100 hour maintenance [115].
Furthermore, dependent on the systems of the aircraft, maintenance has to be performed on a daily, 50, 200, 500
and 1000 hour interval level. In Table 17.2 and Table 17.3 certain maintenance task are tabulated vs their frequency.
These values were derived from a Cessna 152 flight manual and were adjusted to incorporate the FBW system [51].
These tables give a good indication of the maintenance that has to be performed on the aircraft.

Table 17.2: Example of components needing maintenance during the 100 hour/annual inspection [51].

Propeller • Engine controlls Airframe

• Spinner • Engine shock mounts • Aircraft exterior
• Spinner bulkhead • Alternator • Aircraft structure
• Blades • Magnetos • Windows, doors, seals
• Bolts/Nuts • Firewalls • Seats
• Hub • Central air filter • Seat belts
Engine compartment Fuel system • Control lock

• Engine oil • Fuel strainer • Instruments
• Oil cooler • Fuel tank caps/vents • Electrical system
• Induction air filter • Fuel tanks, sump drains, fuel line Control Systems

• Induction airbox • Fuel vent valve/line drain • Aileron, Rudder, Elevator hinges
• Cold and hot air hoses • Engine primer • Rudder pedal assemblies
• Induction airbox Landing Gear • Control surface skin

• Cylinder • Fairings • Control surface actuators
• Crankcase • Torque links, steering rod • FBW hardware
• Hoses • Bearings • Flap motor
• Intake/Exhaust system • Tires • Decals and labeling
• Ignition harness • Struts/Shimmys • Cable and pulleys
• Sparkplug • Brakes • Disconnect clutch
• Vacuum system • Steering rods • Actuator wiring

A more detailed list can be found in FAR 43 Appendix D.

Table 17.3: Components that need inspection/maintenance during other maintenance intervals

Daily 50 hours Landing gear lubrication

Fuel tank filler Engine oil system 1000 hour

Fuel tank sump drains Shimmy damper Lubrication of control system
Pitot and static ports 200 hours 1500 hour

Fuel strainer Vacuum relieve valve filter TBO of propeller
AOA sensor Vacuum system central air filter 2000 hour/15 years

Induction air filter Brake master cylinders TBO of engine
Oil dipstick 500 hours 30 days

Fuel liner drain tee Vacuum system central air filter (replacement) Battery

17.4 SAFETY
Safety is one of the factors during aircraft design. Since not all systems can be made safety critical, either due to
technical difficulties or weight considerations, systems are classified according to the impact of their failure. Guide-
lines for this are given in ARP4761 [114]. Systems whose failure has a catastrophic influence, i.e. death of people, are
called safety critical systems. They usually require a maximum failure rate of 1E-09 failures per hour. For the aircraft
two safety critical functions were identified:

• Provide lift;

• Provide flight control.

’Provide lift’ is safety critical in the sense that a failure to provide lift usually means the structure is disintegrated. Of
course under the assumption that the ’failure to provide lift’ was not induced by the pilot, for example by stalling
the aircraft. The second safety critical function is ’flight control’. A loss of controllability of the aircraft leads almost
certainly to death or serious injuries of the pilot and its passengers.
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The function ’provide control’ is executed by the aileron actuation, rudder actuation, elevator actuation, the
flight control computer, the (optional) autoland system and its peripheral devices.

To improve safety a FMEA(Failure Mode and Effect Analysis) should be carried out for all subsystems in the future
design process especially for the FBW system structure. A FMEA analysis can be used on systems engineering level,
on a hardware level and on a software level.
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18
CONCLUSION & RECOMMENDATIONS

In this report a study has been done for a minimum Fly-By-Wire trainer aircraft. On top of the FBW system, Flight
Envelope Protection and Autoland have been investigated. The whole FBW system is integrated with the design of
a general aviation aircraft. This design of the aircraft consists of Aerodynamics, Structures, Stability & Control, and
Power.

This preliminary design study resulted in a two seater, single engine, high wing aircraft with a conventional tail.
The aircraft has a maximum take-off weight between 628.8 kg and 681 kg, depending on the chosen layout. The
layouts that were considered are: FBW with mechanical back-up, full FBW and full FBW with graceful degradation.
When a mechanical back-up is used, a market share between 6.3 and 8.3% is needed. When full fly by wire is used,
triple redundancy is probably required. This results in a needed market share between 9.4 and 12.5%. Both in order
to achieve the maximum selling price of 400ke.

Flight Envelope Protection can be implemented in several ways, either using hard limits or soft limits. The first
one denying the pilot to override the envelope limits. With soft limits the pilot can still override the envelope pro-
tection. When using a full FBW system it is just a matter of philosophy which system can be used. When using
a mechanical system however, it is more logical to implement soft limits. Additionally to the FEP an auto throt-
tle function is suggested to increase airspeed again. Another method could to increase the airspeed is to lower the
nose, at low altitudes however this is not suggested. Furthermore controlled flight into terrain protection could be
investigated, to increase the safety even further.

The autoland system (as a "digital parachute") seems not feasible with current hardware techniques. Certifica-
tion of such a system will depend on research of other companies. Therefore, a system has been chosen which will
only fly the approach till 200 and 250 ft altitude (respectively for Europa and the USA).

Concluding, a full FBW trainer aircraft technically is possible. However certification and sales are uncertain.
Therefore it is up to the investor to chose whether or not he/she wants to take the risk of investing in a full FBW
system. The more safe option, in terms of certification risk, is to have a mechanical back-up system. The main
disadvantage of using a mechanical back-up system though are its limitations, such as: no reduced stability margin
and difficult to use FEP with hard limits.

In order to actually achieve the use of FBW systems in a small trainer aircraft and improve safety in general
aviation, some future research is suggested. First of all, this is only a preliminary design study. Therefore, the general
aircraft design should be further refined and worked out in greater detail. An interesting field of research may be
the reduction of hinge moments on the control surfaces by adding balance horns or by smartly placing the control
surface hinge lines. This may potentially decrease the power consumption and of the fly-by-wire system and may
also make it easier to certify.

It is recommended to do extensive research on the hardware layout of the FBW aircraft and to gather more spe-
cific information on FBW components. In this study, proper information on actuators in particular is still sparse.
Manufacturers of such actuators, sensors and flight computers may be contacted in order to gain more information
in terms of weight, dimensions, power consumption and reliability of these components. Especially the reliability
of all FBW components is an important issue. If more is known about the reliability of the individual components,
the reliability of the entire system can be properly determined. Having this information makes it easier to convince
certification authorities of the validity of the design and therefore has a direct influence on the success of the FBW
trainer.

Furthermore, it is suggested to do additional research on different methods of employing FEP and to investigate
the potential reduction of accidents and fatalities that may be achieved. This information can help to convince flight
schools and private owners of the enormous advantages a FBW trainer has to offer, and help strengthen the position
on the market.
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A
FUNCTIONAL BREAKDOWN AND FLOW
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Figure A.1: Functional breakdown
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Figure A.2: Functional flow diagram
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B
AIRFOIL DATA

Figure B.1: Airfoil data, used in airfoil selection. Alpha in degrees.
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C
WORK DISTRIBUTION

In Table C.2, the distribution of work is presented. Firstly , the authors of the chapters are presented. During the
project work, some additional time intensive responsibilites were assigned, which are listed underneath. The MAT-
LAB manager was responsible for the development of the MATLAB script and merging the new files into one working
iteration. The CAD-manager was responsible for all drawings done with Catia.

Table C.1: Abbreviation of names

Person Abbreviation

N. O. Abuter Grebe NA
N. Barfknecht NB
A. J. van den Berg AB
M. J. van den Broek MB
J. van den Elshout JE
L. J. van Horssen LH
W. Jousma WJ
F. G. J. Rijks FR
D. de Vries DV
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Table C.2: Distribution of work by group members

Section Member

Preface FR
Summary JE, DV
1 MB
2.1 AB
2.2-2.3 NB
2.4 AB,NB
3.1 WJ
3.2 NA
3.3 AB
3.4, 3.5 DV
3.6 AB
3.7 AB
4.1-4.2 DV
5.1 MB
5.2-5.3 LH
5.4 MB
5.5 LH
5.6-5.7 NB
6 WJ
7.1 NA, JE
7.2, 7.3 NA
7.4 JE, DV
8 LH
9 JE, DV
10.1-10.2 MB
10.3 FR
10.4-10.5 MB
10.6 FR
11 JE
12 NA, WJ
13 NB
14 WJ
15 NA, MB
16 JE
17 NB
18 FR, WJ, LH
App. A WJ
App. B WJ
App. C NA
App. D FJ

CAD-manager DV
MATLAB programming NA, NB, AB, MB, JE, LH, WJ, FR, DV
MATLAB manager AB
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D
PROJECT GANTT CHART
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Figure D.1: Gantt Chart Part 1
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Figure D.2: Gantt Chart Part 2
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