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ABSTRACT

Interplanetary CubeSats enable universities and small-
spacecraft-consortia to pursue low-cost, high-risk and high-
gain Solar System Exploration missions, especially Mars;
for which cost-effective, reliable, and flexible space systems
need to be developed. Missions to Mars can be achieved
through a) in-situ deployment by a mothership and b) highly
flexible stand-alone CubeSats on deep-space cruise. The cur-
rent work focuses on sizing and establishing critical design
parameters for dual chemical-electric propulsion systems
that shall enable a stand-alone 16U CubeSat mission on
a hybrid high-thrust & low-thrust trajectory. High thrust
is used to escape Earth whereas low-thrust is used in au-
tonomous deep-space cruise, achieving ballistic capture, and
emplacement on an areosynchronous orbit at Mars. Chemi-
cal propulsion characterisation is based on ∆V requirement
and a heuristic optimisation of thrust, specific impulse and
burn time while balancing transfer time and propellant mass.
Limitations are set to minimise destabilising momentum.
Electric propulsion characterisation is based on the ∆V,
power consumption, and trajectory requirements for fuel-
optimal and time-optimal strategies. The sizes amount to
∼ 16% and ∼ 21% of the assumed total mass (∼ 30 kg) for
chemical and electric systems, respectively.

1. INTRODUCTION

CubeSats have been in usage for Earth-based missions
since the turn of the century for multifarious applications
including Earth-observation, climate assessment, lower ther-
mosphere characterisation, and biological research etc [1].
Development of such CubeSats have primarily been pursued
by Universities and small-spacecraft-consortia. Present-day
CubeSats have a size range between 1U to 6U, and they
do not have primary propulsion systems to perform critical
orbital manoeuvres as they are designed to maximise pay-
load performance and operate for a short duration. Only

two CubeSat missions have done a technology demonstra-
tion of propulsion systems, albeit with limited capability.
The IMPACT mission utilised several electrospray thrusters
and the BricSAT-P utilisied 4 microcathode arc thrusters [2].
Predominantly, CubeSat propulsion pertains to the usage of
systems for attitude control, station-keeping, and reaction
wheel desaturation [3].

To expand the horizons, Interplanetary CubeSats develop-
ment will be a necessary step for increasing the solar system
exploration efforts at high science-to-investment ratio. In-
terplanetary CubeSats design and development shall push
the frontiers of engineering and technology by the means of
miniaturising and simultaneously increasing the functional-
ity of critical space systems. Improvements are envisaged
in the fields of long-distance communications, deep-space
autonomous guidance-navigation-control, propulsion for tra-
jectory control, accurate ADCS, and high-speed low-power
on-board data processing [4].

Missions to Mars could be achieved through a) in-situ
deployment by a mothership and b) highly flexible stand-
alone CubeSats on deep-space cruise. Stand-alone Cube-
Sats to Near-Earth Objects have been shown to be feasi-
ble, such as the M-ARGO mission by ESA [5]. Owing
to communications and power production limitations, M-
ARGO study revealed that the limit region reachable by a
CubeSat is 1.2 to 1.3 AU. Improvements to communication,
power, and propulsion systems could push the envelope to
1.5 AU, thereby making a stand-alone Mars CubeSat fea-
sible. NASA’s Mars Cube One (MarCO) mission [6, 7],
which is yet to be launched, is a two 6U CubeSat segment
mission that is deployed in-situ by the SLS launch vehicle
alongside the InSight lander mission to Mars. These two 6U
CubeSats provide communications relay and support during
Mars atmospheric entry.

Stand-alone Interplanetary CubeSat missions from Earth
to Mars require robust primary propulsion for precise tra-
jectory control and orbital manoeuvring that shall increase
their flexibility and autonomy. The main motivation for this
work is the need for development of propulsion systems
that enable interplanetary CubeSat missions. A successful
design, implementation, and proof of concept of on-board
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propulsion systems shall revolutionise the future missions
and the capabilities of CubeSats to perform critical missions
beyond LEO will drastically increase. On-board propulsion
also broadens the launch windows and the launch could
be shared with any primary payload that is bound for a
high-energy Earth orbit, for example, Supersynchronous
Geostationary Transfer Orbit (SSGTO) as the frequency of
such lauches is high (∼ 10 per year). In contrast, Earth
escape launches occur only 1-2 times a year.

To this extent, the Mars Atmospheric Radiation Imaging
Orbiter (MARIO) mission is studied. The mission is en-
visaged to be launched into a high-energy geocentric orbit,
perform orbit raising and Earth escape, cruise in deep-space,
achieve ballistic capture at Mars [8], and enter an areosyn-
chronous orbit. The mission statement:

The Mars Atmospheric Radiation Imaging Orbiter
(MARIO) is a stand-alone CubeSat exploration mission
to Mars that shall demonstrate the capabilities of Cube-
Sats to escape Earth, perform autonomous deep-space
cruise, achieve ballistic capture, and be emplaced on
an areosynchronous orbit at Mars. It shall utilise dual
chemical-electric propulsion, concomitant with hybrid
high-thrust low-thrust trajectories and autonomous GNC.
The MARIO mission shall conduct radiation imaging to
characterise the thermal environment in the Mars up-
per atmosphere. The mission shall serve as a pioneer
for Interplanetary CubeSat missions with high launch
flexibility and cost efficiency.

This work pertains to the delineation of sizing and design
parameters of the propulsion systems that shall enable the
MARIO mission. Dual chemical-electric propulsion is used,
wherein the chemical stage enables orbit raising and Earth
escape while the electric stage enables deep-space cruise
and ballistic capture.

Owing to the significant increase in the CubeSats develop-
ment and the efforts to increase their capabilities, multiple
propulsion systems are currently being developed. Although,
much of the information is not available publicly. Chemi-
cal propulsion systems applicable to Interplanetary Cube-
Sats include monopropellant thrusters [9, 10], bipropellant
thrusters [11], tripropellant [12], cold gas [2, 6, 13], warm
gas [14], solid [15] and hybrid motor systems [16]. These
systems have been manufactured and tested on-board large
satellites but they face multiple issues over miniaturisation
[17]. The Monopropellant and Bipropellant systems are
the most suitable for stand-alone Interplanetary CubeSat
chemical propulsion module due to their high performance
characteristics [13]. Electric propulsion systems for Cube-
Sat applications include electrostatic thrusters like Gridded
Ion Thrusters [18, 19], Hall Thrusters [20, 21] and Field
Emission Electric Propulsion [22]; electromagnetic thrusters
like Pulsed Plasma Thrusters [23], Magnetoplasmadynamic
Thrusters [24] and Helicon Thrusters [25, 26]; and elec-
trothermal thrusters like Resistojets [27] and Arcjets [28].
Owing to high specific impulse requirements and long mis-

sion lifetime, Gridded Ion Thrusters fit the bill for Interplan-
etary CubeSats on deep-space cruise [13, 29].

In this work, Section 2 delineates the mission characteris-
tics of MARIO and the dual propulsion concept. In Section 3,
the main considerations of the chemical propulsion design
are first highlighted, mission analysis for Earth escape phase
is done, desired performance parameters like thrust, specific
impulse and firing times are calculated, and the sizing is per-
formed. In Section 4, candidate electric propulsion systems
are highlighted and a preliminary trade-off is performed.
Thruster characteristics are highlighted and an optimal con-
trol problem is solved to compute the trajectory, overall ∆V ,
and the required propellant mass. Finally, the system sizing
is performed. Section 5 highlights the characteristics of the
combined chemical-electric propulsion systems.

2. MISSION CHARACTERISTICS

In accordance with MARIO’s mission statement, the
stand-alone CubeSat shall escape Earth, through multiple
orbit raising manoeuvres starting from a high-energy super-
synchronous elliptical geostationary transfer orbit with a
perigee of 295 km and an apogee of 90,000 km that is used
for some communication satellites. Falcon 9 v1.1 rocket
launched SES-8 in December 2013 and Thaicom 6 in Jan-
uary 2014 into this orbit [30]. Owing to the frequency of
communication satellite launches (∼ 10 per year), this high-
energy orbit was selected to a) improve the launch opportu-
nities and widen the launch window and b) reduce the ∆V
required for Earth escape. Owing to the presence of Van
Allen radiation belts and the expected multiple crossings of
the spacecraft during orbit raising, it is prudent to embark
on an escape trajectory swiftly to reduce radiation damage.
Thus, a high-thrust chemical propulsion system is required
to provide high ∆V within a short duration since a low-
thrust electric propulsion system will drastically increase the
residence time of the spacecraft in the radiation belts. Per
contra, CubeSats cannot handle very high thrusts due to the
possibility of irrecoverable destabilising angular momentum
caused by the thrust misalignment. Moreover, the limitation
on the maximum thrust leads to a longer burn time of the
thruster. Long burn times with limited thrust lead to gravity
losses [32]. Thus, the chemical propulsion system needs to
fire for a specific duration with a specific thrust such that a)
swift escape is achieved and b) gravity loss and undesired
destabilising momentum are minimised. Fig. 1a illustrates
the orbit raising and escape using chemical propulsion.

Once Earth escape is achieved, the chemical propulsion is
extinguished and the Low-Thrust Deep-Space Cruise phase
starts as the spacecraft is now in heliocentric orbit (Fig. 1b).
The spacecraft utilises the novel autonomous optical naviga-
tion technique [33] while on deep-space cruise and full-disk
optical navigation while nearing Mars [34]. The electric
propulsion system, which has very high specific impulse, is
utilised during this phase. The required ∆V for reaching
Mars is accumulated over the long transfer period. Two
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(a) Orbit raising manoeuvres using chemical propulsion to achieve
Earth escape.

(b) Deep-space cruise and ballistic capture. Image source [31]

(c) Ballistic capture mechanism. Image source [8]

h = 17000 km

(d) Areosynchronous orbit at 17,000 km
altitude

Figure 1: MARIO Mission Phases. In Fig (b), times td, tf , and t0 mark the beginning of heliocentric transfer & deep-space
cruise, reaching of optimal conditions for ballistic capture, and the reaching of the first periapsis at Mars.

strategies could be used: a) time-optimal continuous thrust-
ing or b) fuel-optimal bang-bang thrusting control. The
critical resource for the electric propulsion system is the
available power, since the specific impulse and thrust de-
pend upon it. The selection of the thruster type is crucial.

At the end of the cruise, the spacecraft enters the Martian
orbit through Ballistic capture (Fig. 1c). It is a phenomenon
through which the spacecraft is captured when its Kepler
energy becomes negative with respect to Mars only by the
virtue of the natural gravitational forces between the Earth,
Mars, and Sun [8, 35]. This is essentially a very low ∆V
operation. Since the capture is achieved solely by the nat-
ural gravitational forces, it can also escape using the same
mechanism, thus making it temporary. Overall, this requires
substantially less ∆V compared to classic Hohmann trans-
fers [8]. This is an ideal option for CubeSats, where a low
control authority prevents performing a high-thrust burn at
Mars arrival. Finally, a circularisation manoeuvre is pursued
to enter an areosynchronous orbit that is 17,000 km from
Martian surface for performing Radiation Imaging.

The simplified CONOPS for MARIO Mission is as follows:

1. CubeSat separation and injection into SSGTO

2. Commissioning, communication, de-tumbling and So-
lar Array deployment

3. Chemical thruster firing for orbit raising and Earth
escape

4. Electric thruster firing for low-thrust transfer and au-
tonomous deep-space cruise

5. Ballistic capture at Mars and circularisation to areosyn-
chronous orbit

6. Science observation

7. Spacecraft disposal

The total mission lifetime is approximately 5 years, from
Launch to Disposal. The science observations shall take
place for 6 months. The total transfer is approximately
4.5 years. Crucial environmental factors severely affect the
mission.

3



3. CHEMICAL PROPULSION

The chemical propulsion system for the MARIO mission
is sized and designed based on critical requirements pertain-
ing to ∆V , maximum thrust, burn time, mass, and safety.
Additionally, the destabilising angular momentum produced
by thrust misalignment plays a crucial role in determining
the limitation of thrust and thrusting duration. The require-
ments for the chemical propulsion system are listed in Tab. 1

Table 1: Chemical Propulsion System Requirements

ID Type Requirement
CPROP-01 PER The chemical propulsion system

shall provide a minimum ∆V =
450 m/s for orbital transfer ma-
noeuvres.

CPROP-02 PER The chemical propulsion system
shall have a maximum thrust of
3 N

CPROP-03 PER The maximum thrusting time of
the chemical propulsion system
shall be 600 seconds per orbital
manoeuvre

CPROP-04 CON The total mass of the chemical
propulsion system shall be no
more than 7.5 kg.

CPROP-05 CON The chemical propulsion system
shall utilise non-toxic propel-
lants

The rationale for CPROP-01 is that the ∆V listed is the
required value, including a 25% margin, to execute orbit
raising manoeuvres for Earth escape starting from the ini-
tial SSGTO and to perform contingency manoeuvres if re-
quired. Requirement CPROP-02 puts a limitation on max-
imum thrust to control the destabilising momentum due
to thrust misalignment. Maximum burning time is listed
as a requirement in CPROP-03 to minimise gravity losses
and destabilisation. Maximum mass (CPROP-04) of the
chemical propulsion system is capped at 25% of the total
spacecraft mass. Finally, as CPROP-05 states, non-toxic
propellants need to be used to prevent internal and external
contamination. The types PER and CON refer to perfor-
mance and constraint, respectively.

The initial orbital elements considered for the injection
orbit are semi-major axis, eccentricity, inclination, true
anomaly, argument of perigee, and right ascension of the
ascending node [a, e, i, θ, ω, Ω] = [51526 km, 0.8705,
0.01◦, 0◦, 0◦, 0◦], with perigee hp = 295 km and apogee
ha = 90000 km. The required escape velocity at hp is
10.931 km/s, considering the Earth’s radius to be 6378 km.
Since the initial velocity at perigee, vpi = 10.57 km/s, the
required ∆V for escape is ∼ 360 m/s.

The chemical propulsion system needs to fire at perigee
point with a specific thrust for a specific duration. These two
parameters, thrust T and burn time tb, need to be determined.

To simplify the problem, tb is considered constant for every
orbit raising manoeuvre, except the final manoeuvre which
injects the spacecraft at a parabolic trajectory with v∞ = 0
m/s. This value is slightly lower than the constant burn time
value. For different specific impulse, Isp, values, the T − tb
combination could be different ∗.

A parametric analysis is done to calculate the total time for
Earth escape through orbit raising and the required propel-
lant mass for the operations. For a nested series of specific
impulses ranging from 200 to 400 seconds, thrusts from 2
to 3 N, and burn times from 400 to 600 seconds, the total
transfer times and the propellant masses are calculated for
each set of {Isp, T, tb}.

The required propellant mass, mp,b, for each burn is cal-
culated using Eq. 1. The value of gravitational acceleration,
g, is assumed to be 9.81 m/s2

mp,b =
T · tb
Isp · g

(1)

The total propellant mass is then mp,ch = mp,b ×
No. of burns. The acquired ∆V for each burn, denoted
as ∆Vb is then calculated using Eq. 2. The wet mass of the
spacecraft before each impulse is denoted by mi,b.

∆Vb = −Isp · g · ln
(

1− mp,b

mi,b

)
(2)

The ∆Vb adds to the perigee velocity vp after each ma-
noeuvre and the apogee keeps increasing. The gravity loss is
neglected in this calculation but could be as much as 5% of
the overall ∆V . The orbit raising manoeuvres continue until
the required ∆V = 360 m/s is reached, i.e., when perigee
velocity vp reaches escape velocity vesc at rp = 6673 km.
Propellant mass mp and minimum transfer period (for each
thrust-burntime combination) are plotted as a function of
Isp in Fig. 2.

Figure 2: Propellant Mass and Minimum Transfer Period
(for each T − tb combination) as a function of Isp

∗All thrust and specific impulse values used in this work pertain to
vacuum conditions.
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The transfer period is defined as the time period from
initial orbit injection to Earth escape. The propellant mass
decreases with the increase in Isp whereas the transfer period
increases. Depending upon the mission and system require-
ments, one could choose an Isp design point such that the
propellant mass is low or the transfer time is low. The de-
sign choice related to Isp impose the choice of thrusters.
Options such as cold gas and warm gas thrusters could be
eliminated directly since they do not satisfy the require-
ments on thrust (< 1 N), maximum mass (> 8 kg), and
specific impulse (< 100 s) to provide the required ∆V [2].
Monopropellant thrusters based on the blends of ammonium
dinitramide (ADN) [36, 37] could be used since that satisfies
the safety requirement CPROP-05. Bipropellant thrusters
utilising hydrogen peroxide (H2O2) and ethanol (C2H5OH)
also satisfy CPROP-05 [11]. The choice of the propulsion
system is crucial since the capabilities of Monopropellant
and Bipropellant systems are significantly different. For
example, depending upon the fuel characteristics, the Mono-
propellant system has an Isp of 260 s and the Bipropellant
system has an Isp of 315 s [11, 37].

From Fig. 3, the T − tb combination is picked from the
zone where the transfer period is minimum (top-right).

(a) Transfer Period [hr] for Isp = 260 s

(b) Transfer Period [hr] for Isp = 315 s

Figure 3: Total transfer period in hours as a function of
Thrust and Burn time for Monopropellant (Isp = 260 s) and

Bipropellant thrusters (Isp = 315 s)

For Isp = 260 s: Thrust T = 2.91 N, burn time tb = 576 s,
propellant mass mp = 3.947 kg, and the minimum transfer
period P = 797 hours. For Isp = 315 s: T = 2.926 N, tb =
580.4 s, mp = 3.297 kg, and P = 807 hours. In each case,
the total number of orbital manouevres is 7 (6 raisings and

1 escape) and the amount of Van Allen Belt crossings is 13
(for each, inner and outer). Fig. 4 illustrates the orbit raising
and Earth escape manoeuvres (Isp = 260 s).

Figure 4: Orbit raising and Earth escape

The chemical system sizing is done by placing a 25%
margin on the ∆V , which is a typical margin applied for low-
maturity systems and this also accounts for gravity losses.
Thus, the overall ∆V requirement rises to 450 m/s. The
chemical propellant mass becomes 4.852 kg if the Isp = 260
s and 4.065 kg if Isp = 315 s.

3.1 Monopropellant thruster

The ADN-blend propellant, in Monopropellant thrusters,
has a liquid phase density of 1290 kg/m3 [38]. Achievable
specific impulse using ADN-based propellants is 230 - 260
s. In comparison, the widely used classic Monopropellant,
Hydrazine, has 1020 kg/m3. The analysis is performed
with Isp = 260 s. Considering the margined propellant mass,
4.852 kg, the total propellant volume is 3761 cm3 or 3.761
litres, which in terms of CubeSat units is ∼3.8 U. A pres-
surised propellant tank containing 3.761 litres requires a
spherical or a cylindrical shape for safety reasons. How-
ever, in a 16U CubeSat, it cannot be accommodated due to
space and shape constraints, as a spherical tank would be of
∼ 9.65 cm radius.

To have a minimum volume of the tank while maintaining
the pressure and to accommodate within the structure, dome-
shaped cylindrical tanks known as Cassini tanks have to
developed [39]. Since one large tank would be infeasible,
four smaller Cassini tanks are proposed, each with 1.05 litre
capacity including a ∼ 12% ullage volume. The radius
of each tank is 4.7 cm and the height is 16.9 cm, thereby
occupying ∼ 1.7 U space. Fig. 5 illustrates the shape and
placement of the tanks in the spacecraft structure. Tank
pressurisation has to be achieved using Gaseous N2 or by
sublimating a solid plate of CO2.

To achieve the necessary thrust, either a large 3 N thruster
or two 1.5 N thrusters could be used. Nozzle area ratio
and the tank pressure influence the thrust level. The tank
thickness is determined by tank pressure, ∼ 28 bar [40].
Assuming a 20% margin on the tank pressure, the tank thick-
ness is 0.22 mm. Considering the material to be Titanium
Alloy with a density of 4500 kg/m3, the tank mass is 0.044
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(a) Tank shape (b) Full structure

Figure 5: Monopropellant thruster tank shape and position
inside the spacecraft structure [Courtesy: Mr. Sanz Casado].

Each tank occupies 1.7U

kg. The total mass of all four tanks is 0.176 kg. Tab. 2 sum-
marises the characteristics of the Monopropellant chemical
propulsion system. The overall mass of the Monopropellant
propulsion system is 6.1 kg.

Table 2: Monopropellant chemical propulsion
characteristics

Parameter Value
Initial Mass, mi 30 kg
Total Thrust, T 2.91 N
Specific Impulse, Isp 260 s
Burn Time per manoeuvre, tb 576.6 s
Orbit raising manoeuvres 7
Total ∆V (no margin) 359.8 m/s
Total ∆V (w/ 25% margin) 450 m/s
Propellant mass, mp,mp (no margin) 3.9471 kg
Propellant mass (w/ margin) 4.852 kg
Final Mass, mfinal,mp 25.148 kg
Propellant density, ρp 1290 kg/m3

Propellant volume, Vp 3761 cm3

Ullage vol % per tank 12 %
Tank volume (each), Vtank 1053 cm3

No. of tanks 4
Tank radius, Rtk 4.7 cm
Tank height, Htk 16.9 cm
Tank thickness, Wtk 0.22 mm
Material density, ρtk 4500 kg/m3

Tank mass (each), mtk 0.062 kg
Tank mass (total) 0.248 kg
Thruster mass, mT 0.6 kg
Pressurisation system mass, mpr 0.3 kg
Feed system mass, mfs 0.1 kg
Total mass 6.1 kg

3.2 Bipropellant thruster

Bipropellant thrusters that use ethanol (ρ = 789 kg/m3)
and hydrogen peroxide (ρ = 1450 kg/m3) provide a higher
thrust and have a high specific impulse than Monopropel-
lant thrusters [10, 11]. Usage of H2O2 is advantageous for

two reasons, a) it is non-toxic and its filling is considered
non-hazardous, and b) it is a self-pressurising. Bipropel-
lant thrusters have not been developed for CubeSats yet due
to their high complexity, although they would reduce the
overall mass of the propulsion system. The feed system
can be either pressure fed or pump fed. In the latter case,
microturbines and micropumps should be used to feed the
propellants into the combustion chamber [41], which will
lead to the reduction of tank pressure and subsequently the
tank size. Ethanol is directly fed into the chamber while
H2O2 passes through a catalyst bed (typically a monolithic
structure made of mullite and coated with alumina [11, 41])
and decomposes into H2O and O2. The exothermic na-
ture of the reaction converts the catalyst to a gaseous form
which drives the microturbines that power the pumps. The
O2/H2O mixture then passes through the cooling channels
that surround the nozzle, throat, thrust chamber, and is fi-
nally injected into the thrust chamber at a certain mixture
ratio with ethanol for ignition and combustion [11].

Table 3: Bipropellant chemical propulsion characteristics

Parameter Value
Initial Mass, mi 30 kg
Total Thrust, T 2.926 N
Specific Impulse, Isp 315 s
Burn Time per manoeuvre, tb 580.4 s
Orbit raising manoeuvres 7
Total ∆V (no margin) 359.8 m/s
Total ∆V (w/ 25% margin) 450 m/s
Propellant mass, mp,bp (no margin) 3.297 kg
Propellant mass (w/ margin) 4.065 kg
Final Mass, mfinal,bp 25.935 kg
Mass Mixture Ratio(O/F) 4.5
Fuel Mass, mF 0.739 kg
Oxidiser Mass, mOX 3.326
Fuel density, ρF 789 kg/m3

Oxidiser density, ρOX 1450 kg/m3

Fuel volume, VF 936.6 cm3

Oxidiser volume, VOX 2293.8 cm3

Ullage vol % per tank 10 %
Fuel tank volume, Vtk,F 1030 cm3

Oxidiser tank volume, Vtk,OX 3 × 841 cm3

No. of tanks 4
Tank radius, Rtk 4.7 cm
Tank thickness, Wtk 0.1 mm
Fuel tank height, Htk,F 15 cm
Oxidiser tank height, Htk,F 12.2 cm
Material density, ρtk 4500 kg/m3

Fuel tank mass, mtk,F 0.0226 kg
Oxidiser tank mass, mtk,OX 3 × 0.0162 kg
Total tank mass, mtk,tot 0.06 kg
Thruster mass, mT 0.2 kg
Feed system mass, mfs 0.5 kg
Total mass 4.8 kg

The total propellant mass required is 4.065 kg including
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the margin. Assuming a mass mixture ratio (O/F) of 4.5, the
mass of the oxidiser H2O2 is 3.326 kg and the mass of the
fuel C2H5OH is 0.739 kg. Considering the densities, the
oxidiser volume, VOX is 2.293 litres and the fuel volume,
VF is 0.936 litres. The overall propellant volume is 3.23
litres. The oxidiser can be stored in three 0.84 litre titanium-
alloy tanks while the fuel can be stored in one 1.03 litre tank
[42], overall 4 tanks. The radius of all tanks is kept at 4.7 cm
while the heights of oxidiser and fuel tanks are 12.2 cm and
15 cm, respectively. Since the tank pressurisation is lower
than that of the Monopropellant tanks, the tank thickness is
∼ 0.1 mm. The overall tank mass is 0.06 kg. The thruster,
microturbine, and the micropump weigh 0.7 kg. The overall
mass of the propulsion system is < 5 kg. The Bipropellant
chemical propulsion characteristics are listed in Tab. 3.

Table 4: Comparison between Monopropellant and
Bipropellant systems

Criteria→
Options↓ Thrust [N] Isp [s] Mass

[kg]
Vol
[U]

Complexity

Monoprop 3 ∼ 260 ∼6 8 Medium
Biprop 3 ∼ 315 ∼5 6 High

The main advantage of Monopropellant system is its rel-
ative simplicity in comparison with Bipropellant systems.
CubeSat Bipropellant systems need further development.
However, the specific impulse and thrusting capabilities of
Bipropellant systems are far superior to those of the Mono-
propellant systems. Combustion chamber thermal radiation
emission is another issue that affects the mission. Bipropel-
lant systems have a chamber temperature∼ 3000 K whereas
for Monopropellant systems it is∼ 2000 K [43]. The overall
mass & transfer times for Monopropellant and Bipropellant
systems are 6.1 kg & 797 hours and 4.8 kg & 807 hours,
respectively.

4. ELECTRIC PROPULSION

Once Earth escape is achieved using the chemical propul-
sion system, the deep-space cruise phase starts. The cruise
lasts for ∼ 4.4 years and culminates in ballistic capture [8].
Electric propulsion system, which has high Isp, is utilised
to enable the cruise and ballistic capture. The environmen-
tal conditions encountered in the heliocentric phase signif-
icantly affect the mission. Firstly, as the distance between
the spacecraft and the Sun increases, the power generation
capability decreases since the Solar constant decreases by
1/r2, with r being the Sun-S/C distance. Additionally, Solar
Radiation Pressure causes perturbation of the cruise trajec-
tory.

Transfer to Mars after Earth escape could be achieved by
two techniques, a time-optimal solution where the thruster
continuously thrusts, thereby minimising the transfer time
and a fuel-optimal solution where the thruster fires inter-
mittently to control the trajectory while minimising fuel
consumption; this is otherwise known as the bang-bang

control. The ∆V accumulated over the cruise varies sig-
nificantly based on the transfer technique that is utilised.
Depending upon the mission and system requirements, one
could choose the technique that suits. The requirements of
the electric propulsion system are listed in Tab. 5.

Table 5: Electric Propulsion System Requirements

ID Type Requirement
EPROP-01 PER The maximum transfer time

shall be 4.5 years for cruise and
ballistic capture.

EPROP-02 PER The electric propulsion system
shall have a maximum power
consumption of 60 W

EPROP-03 CON The total mass of the electric
propulsion system shall be no
more than 7.5 kg.

The rationale for EPROP-01 is to constrain the maxi-
mum transfer time such that valuable science products can
be obtained before the end of the mission lifetime, ∼ 5
years. Since the power availability for the thruster is critical,
EPROP-02 imposes a maximum limit on the power con-
sumption of the thruster. The maximum allowable mass of
the electric propulsion system, including the propellant and
the components, is set at ∼ 25% of the overall spacecraft
mass.

The choice of the electric propulsion system is very cru-
cial. The options are electrothermal, electrostatic, and
electromagnetic thrusters. Since high Isp values are re-
quired and subsequently high firing times are envisaged,
electrostatic thrusters like the Gridded Ion Thrusters are a
suitable choice. Gridded Ion Thrusters applicable for In-
terplanetary CubeSats have an Isp in the range of 1500-
3500 seconds and a propulsion lifetime in the order of
30,000 hours [18, 29]. Another suitable option would be
the Hall Effect Thruster, which compared to a Gridded Ion
Thruster, has a lower specific impulse but higher thrust for
the same input power. Electromagnetic thruster options such
as Pulsed Plasma Thrusters (PPTs) and Magnetoplasmady-
namic (MPD) thrusters have lifetimes and thrust-to-power
ratios that are very low [29]. Helicon thrusters are promising
candidates but their low efficiency and lifetime pose a prob-
lem. Tab. 6 compares the different electric thruster types
applicable for CubeSats [2, 25, 29, 44, 45].

Table 6: Comparison of electric propulsion options

Type Thrust [mN] Isp [s] Power [W] Life [hr]
Ion 0.5-1.4 1500-3500 30-80 30000
Hall 1.8-4 800-1400 60-120 10000
PPT 0.01-1 500-1500 10-30 1000
Helicon 0.8-1.5 900-1200 50-80 1000

Considering the high thruster lifetime, specific impulse,
and power consumption requirements, the Gridded Ion
Thruster is chosen for the analysis (illustration Fig. 6).
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Figure 6: Illustration of NSTAR Ion Thruster [46]

Both thrust and Isp vary with varying thruster input power
Pin, which in turn is a fraction of the overall available power
to the system. The power available to the electric propulsion
system is calculated as a function of the distance between
the spacecraft and the Sun. Fig.7 illustrates the available
and consumed power. The 60 W limit on Fig. 7 is due to
the requirement EPROP-02. The total power generated at
BOL (at Earth) is 137 W and at EOL (at Mars) it is 57
W. A distribution efficiency of 85% is considered and the
power available to the subsystems is reduced to 116.5 W
and 49 W at BOL and EOL respectively. During the transfer,
apart from the thruster, critical subsystems such as the On-
Board Computer, ADCS, and the Electrical Power System
are always active while other subsystems are operated when
required. Rest of the subsystems consume 24.2 W to 18.4 W
depending upon the operations and power availability. As
the distance increases, the power available to the thruster
reduces from 60 W limit to 30.56 W.

Figure 7: Available and consumed power as a function of
the Sun-S/C distance

The thruster characteristics are defined based on the cur-
rent state of the art, the Iodine-fueled BIT-3 mini RF Ion
Thruster [44]. The maximum thrust is 1.34 mN and maxi-
mum Isp is 3251 seconds. Nominally, Xenon is used as the
propellant for RF Ion Thrusters due to its high molecular

mass, 131.2 kg/kmol. Although it has many advantages,
storability of Xenon in cryogenic state inside a high pressure
tank makes the thermal control system and the structure
untenable in a CubeSat. Thus, Iodine is chosen as the pro-
pellant because a) it has a molecular mass of 126.9 kg/kmol
which is similar to that of Xenon, b) it can be stored in a
solid form at room temperature and then sublimated using
a low-power heat source, and c) the storage tank size and
mass are greatly reduced due to its high density and very
low pressurisation (< 50 Pa) is required. The potential
problem associated with Iodine is its ability to corrode the
components. However, this can be prevented by utilising
corrosion-resistant ceramic materials for plasma-chamber
walls [18]. Power distribution and regulation to the thruster
is achieved using Power Processing and Control Units (PP-
CUs). The thruster characteristics are listed in Tab. 7.

Table 7: Electric thruster characteristics

Parameters Value
Type RF Ion Thruster
Propellant Iodine
Molecular Mass, M 126.9 kg/kmol
Prop. Density, ρp 4930 kg/m3

Max Thrust, Tmax 1.34 mN
Max Isp 3251 s
Max Power, Pmax 60 W
Prop. Flow Rate, ṁp, 42 µg/s
Thruster Efficiency, ηT 0.36
Electrical Efficiency, ηe 0.59
Mass Utilisation Efficiency, ηm 0.61
Beam Voltage, Vb 1900 V
PPCU mass, mPPCU 0.5 kg
Thruster mass, mT 0.1 kg

The propellant flow rate is fixed at 42 µg/s and the
beam voltage, Vb, which is the potential difference between
the screen grid and the acceleration grid is 1900 V, with
Vscreen = 1800 V and Vacc = −100 V (negatively biased
to the spacecraft). The mass utilisation efficiency, ηm is the
ratio of ion mass flow rate ṁi and propellant mass flow rate
ṁp. Experimental analysis of the BIT-3 using Iodine yields
61% mass utilisation efficiency [44]. The thruster electrical
efficiency or the energy efficiency, ηe is 59%. The total
thrust efficiency ηT , which is the product of mass utilisation
and electrical efficiencies, is 36%.

The thrust and Isp variation with the input power are
calculated using the electrostatic propulsion principles. Con-
sidering singly charged ions of Iodine (without double-
charging), the thrust is expressed using Eq. 3 where, e is
the electric charge per kmol of electrons (Faraday constant)
with a value 96485332.89 C kmol−1. The quantity Ib is the
beam current. This is determined by calculating the beam
power Pb from the input power Pin and electrical efficiency
ηe. These are expressed in Eq. 4 [47].
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T =

√
2M

e
Ib
√
Vb (3)

ηe =
Pb

Pin
Ib =

Pb

Vb
(4)

The specific impulse variation is expressed using Eq. 5

Isp =

√
2MVb
e

· Ib
ṁp g0

=
T

ṁp g0
(5)

The thrust and specific impulse variation as a function
of the input power is illustrated in Fig. 8. The relationship
is linear and the parameters decrease with decreasing input
power.

Figure 8: Variation of thrust and specific impulse with
input power

Utilising the information on thruster characteristics, an
optimal control problem considering the spacecraft dynam-
ics and real Solar System dynamics, including that of Solar
Radiation Pressure and Low-Thrust Trajectory Control is
solved to compute the transfer trajectory. The initial mass
of the spacecraft after Earth escape is 25.935 kg (see Tab. 3).
The constraints of the optimal control problem are input
power Pin ∈ [60, 30.56] W, thrust T ∈ [1.34, 0.68] N, and
specific impulse Isp ∈ [3251, 1656] seconds. The boundary
conditions are set for departure (beginning of cruise) and
arrival at Mars. The departure boundary conditions are ini-
tial mass (25.935 kg) and direction of the spacecraft. The
arrival boundary condition includes any state (position and
velocity) corresponding to the ballistic capture trajectory re-
quirement. These are retrieved from splines computed using
a modified version of the MATLAB tool called "GRATIS"
[31, 48]. Cost functions are defined to obtain a time-optimal
and a fuel-optimal solutions. The optimal control problem is
solved using a Direct Method, in which it undergoes a direct
transcription [31, 49].

The simulations are performed in the Radial-Tangential-
Normal (RTN) frame, starting from epoch t0 (which in this
case is the time of departure td). The spacecraft states
and the thrust orientations are defined in Spacecraft-Radial-
Tangential-Normal (SRTN) frame (illustrated in Fig. 9). The
axis +r is aligned with the Mars-Spacecraft line and it points
in the direction opposite to the planet and towards the space-
craft. The axis +φ is aligned with the angular momentum

(a) SRTN frame (b) Thrust orientation

Figure 9: Spacecraft-Radial-Tangential-Normal frame and
the thrust orinetation.

vector of the spacecraft w.r.t to Mars. The axis +θ completes
the right-handed frame. The angles α and β represent the az-
imuth and zenith angles respectively in the spacecraft body
frame.

(a) Trajectory

(b) Orbital elements

Figure 10: Spacecraft trajectory, eccentricity and
semi-major axis variation in time-optimal solution.

The time-optimal problem yields a total transfer time of
1584.38 days (∼ 4.34 years), which satisfies EPROP-01.
Since this is a long duration flight, the system components
should have sufficient radiation protection to prevent failures.
The overall propellant mass is 5.751 kg. The corresponding
Iodine volume is 1166.6 cm3. Since Iodine can be stored in
solid state, the corresponding dimensions of the tank are 20
× 10 × 5.85 cm3, with 3.4 cm3 ullage volume for iodine
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sublimation. The continuous thrust trajectory is illustrated in
Fig. 10 and the profiles of T and Isp during the transfer are
illustrated in Fig. 11. The "overall ∆V " of the time-optimal
solution is 6.91 km/s.

Figure 11: Thrust and Isp profiles as a function of time in
the time-optimal solution.

The fuel-optimal solution yields a transfer time of 1584.48
days (4.34 years) which also satisfies EPROP-01. The over-
all propellant mass is 5.745 kg, the propellant volume is
1165.3 cm3, and the tank dimensions are 20 × 10 × 5.84
cm3. The ∆V for all manouevres is 6.9 km/s and the differ-
ence between departure and arrival velocities is 4.854 km/s.
The spacecraft eccentricity and semi-major axis are illus-
trated in Fig. 12. The profiles of T and Isp are illustrated
in Fig. 13. It has to be noted that as a stringent and short
constraint on overall transfer time is placed, the fuel-optimal
solution tends towards time-optimal solution as the transfer
has to be achieved within the given period. Departure-arrival
time of flight window requirement needs to be relaxed to
appreciate the difference. Time-optimal strategies are better
for short windows and fuel-optimal strategies are better for
long windows.

Figure 12: Semi-major axis and eccentricity variation in
fuel-optimal solution.

Once ballistic capture is achieved, free revolutions are ob-
tained and the spacecraft stays in highly eccentric orbits for
a period of 6 months to 1 year. Dynamics are very unstable
and careful manoeuvre planning has to be done. Circu-
larisation at 17,000 km altitude orbit consumes significant

Figure 13: Thrust and Isp profiles as a function of time in
the fuel-optimal solution.

resources since the eccentricity (>0.9) of the initial injec-
tion orbit is very high. Instantaneous manoeuvres require
∆V ∼ 0.95 km/s. Performing a short-duration high-thrust
braking manoeuvre that provides ∆V = 60 m/s (accounted
in the chemical propulsion margin) and circularising using
low-thrust propulsion to 17,000 km requires mp = 1.73 kg
and ∆V = 1.104 km/s. Circularisation at 60,000 km requires
mp = 1.25 kg and ∆V = 0.79 km/s. A trade-off needs to
be performed, taking into account the payload observation
capabilities. Optimisation of low-thrust circularisation is
currently being pursued by including the ballistic capture
dynamics to yield a lower propellant mass and to improve
accuracy.

5. DUAL PROPULSION

The concept of dual propulsion is game changer for inter-
planetary CubeSat and microsatellite missions. Tradition-
ally, interplanetary satellites have mainly used the chemical
propulsion system. Some missions have utilised the electric
propulsion system. Sole usage of chemical propulsion will
lead to very large propellant mass and a very low transfer
time. Sole usage of electric propulsion will lead to very large
transfer time but with considerably low propellant mass. No
mission up to date has utilised both the systems for primary
propulsion. The idea behind this work was to balance the
two quantities and arrive at a solution where the interplane-
tary mission could be achieved from an Earth-based orbit to
Mars with a reasonable propellant mass and transfer time.

Table 8: Dual propulsion characteristics

Parameter Chemical Electric
Flight Time [days] 33.625 1584.48
Prop. Mass [kg] 4.065 5.745†

Sys. Mass (wet) [kg] 4.8 6.245†

Size [U] 6 1.5
∆V [km/s] 0.36 6.9†

Peak Power [W] 24 60

† Fuel optimal-solution used. Does not include circularisation mp and
∆V .
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The dual propulsion characteristics are listed in Tab. 8.
The chemical propulsion weighs ∼16% of the total space-
craft mass while the electric propulsion weighs ∼21%. The
percentage volume occupied by the chemical and electric
systems are 37.5% and 9.4% respectively. Both systems
are crucial for the achieving the mission since the chemical
stage reduces the transfer time and the electric stage reduces
the required propellant mass.

6. CONCLUSION

This work set out to analyse the dual chemical-electric
propulsion concept for stand-alone interplanetary CubeSat
missions. The emphasis is on the word dual, since the
chemical propulsion and electric propulsion are two different
systems in the same satellite used in different mission phases.
The chemical stage enables swift Earth escape through a
series of orbit raising manoeuvres while the electric stage
enables deep-space cruise and ballistic capture. The overall
transfer time and propellant mass are balanced to make
the system and the mission feasible. Chemical propulsion
weighs 4.8 kg, occupies 6U, and provides a ∆V of 450 m/s.
The electric propulsion weighs 6.245 kg, occupies 1.5 U, and
provides a ∆V of 6.9 km/s. Future work entails a combined
trajectory optimisation for cruise, capture and circularisation.
Detailed design of the two propulsion systems is currently
being pursued.
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