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Abstract

The Flying V is a concept proposed and patented by Benad and Airbus Operations GmbH, which is a
flying wing aircraft in the shape of the letter V. Multiple researches already showed promising results,
with a 25% increased lift over drag ratio compared to conventional aircraft like the Airbus A350-900.
Before research of sub-scale flight testing can be conducted, research into the flight characteristics is
necessary. Based on the identification of the problems, the research question for the thesis research
is defined as: ”What are the flight characteristics of the Flying V sub-scale model at approach speed
and high angles of attack?”.

In total, three different wind tunnel campaigns were conducted at the Open Jet Facility of the Delft
University of Technology. During the wind tunnel campaigns, experiments were conducted to acquire
data through balance measurements and flow visualisation techniques by means of oil, tufts ans smoke.
The untrimmed maximum lift coefficient was estimated to be 1.09 at 41 degrees angle of attack and
positive stability was found up to 20 degrees angle of attack. Flow visualisation results showed that
large leading edge vortices acted on the surface of the wing, originating from the root towards the
crank of the wing. A leading edge separated vortex spread over the wingtip, which originated at the
kink of the leading edge.

Investigations into the trimmed flight of the aircraft concluded that due to trim limitations the
centre of gravity is bound between 1.345 and 1.425 meter behind the nose. The centre of gravity has
an optimal location at 1.365 meter behind the nose, providing a static margin of about 9%. With the
trimmed lift curve and the optimal centre of gravity location, the flight speed of 35 meter per second
can be flown at 3.6 degrees angle of attack.

Due to limitation in maximum deflection of the control surfaces, the maximum lift coefficient is
estimated at 0.95, at 28.5 degrees angle of attack at a stall speed of 14.8 meter per second. At 20
degrees angle of attack, where the static stability switches from positive to negative, the lift coefficient
is estimated at 0.73 at 17.2 meter per second and is defined as the ’safe’ stall speed. Taking the FAA
and ICAO regulations into account, the approach speed is estimated at 19.2 meter per second, at an
angle of attack of 15.9 degrees at a lift coefficient of 0.58.
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1
Introduction

During the last five decades, commercial aviation has been based on a ”conventional layout”. This layout
is based on a tube fuselage with a high aspect ratio wing including podded engines under the wing and
aft-tail planes [1]. Due to the fact that its productivity and performance characteristics are reaching
an asymptotic limit, the focus has been to design new unconventional configurations for the future.
One of the most promising configurations is the flying wing, a configuration which is characterised by
a merged fuselage and wing. Examples of these flying wings are concepts like the blended-wing-body,
the C-wing, etc [2]. In figure 1.1, impressions of flying wings can be found.

(a) The HUULC 1 (b) Boeing X-48B 2 (c) Northrop Grumman B-2 Spirit 3

Figure 1.1: Impression of various flying wings

As shown in figure 1.1, flying wings feature a different configuration compared to the conventional
tube fuselage aircrafts. The explanation for this unconventional design is found in the planform. The
planform allows for that design changes with respect to conventional aircraft can be made, in order
to optimise efficiency and reduce the fuel consumption. The impact of the planform on the design is
explained in section 1.1. In section 1.2, the Flying V aircraft is discussed, followed by the introduction
to the research by the problem statement in section 1.3. Section 1.4 presents the research objective
and questions, followed by the thesis report outline in section 1.5.

1.1. Flying Wings
A flying wing is an aircraft where the design configuration merges the main fuselage into the wing. As
a result, the fuselage section is increased, reducing the ratio of wetted area towards the wingspan and
thus reducing the skin friction drag. Besides the wings, the main body is shaped as an airfoil as well,
so compared to conventional aircraft having a tubular fuselage, the flying wing will generate additional

1The HUULC, Hydrogen-powered Unmanned Ultra Large Cargo aircraft - Platform Unmanned Cargo Aircraft, URL: https://
www.platformuca.org/uav/the-huulc-hydrogen-unmanned-ultralarge-unmanned-aircraft-video/, vis-
ited on: January 24th, 2019
2New Ideas Sharpen Focus for Greener Aircraft - NASA, URL: https://www.nasa.gov/topics/aeronautics/features/
greener_aircraft.html, visited on: January 24th, 2019
3B-2 Spirit - U.S. Air Force, URL: https://www.af.mil/About-Us/Fact-Sheets/Display/Article/104482/b-2-
spirit/, visited on: January 24th, 2019

1
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lift on this section. Due to the increased area on top of the main body, engines can be mounted over
the wing and noise levels might be reduced [3].

It was assumed that a flying wing provides a 20-25% advantage in lift over drag, a reduction in direct
operational cost by 7-8% and a 30% fuel consumption reduction compared to conventional aircrafts.
The explanation was found due to higher Reynolds numbers on wing chords, which were twice as large
as those of conventional aircrafts. Besides this, flying wings have an absence of a horizontal tail, which
reduced the friction and induced drag, and a reduced static margin in the longitudinal direction [4–6].

Furthermore, the wide airfoil-liked body is intended to obtain an effective spanwise lift distribution.
The aerodynamic load on the outboard wings is decreased because of a big central chord bearing
the main part of the span loading, which is located in the central body of the aircraft. Because of
this configuration, the central body needs a low lift coefficient to induce an elliptical spanwise load
distribution. As a result, the central spanwise location can be thickened to achieve the required space
for passengers and cargo spacing, without imposing a huge compressibility drag penalty. Furthermore,
high lift devices are not necessary because of the low and effective load. At high subsonic speeds, the
geometric shape of the planform relatively weakens shock waves over the wings and body. The area
behind these shock waves impose the ideal location for the placement of engine installation [7].

However, while the flying wing imposes a higher aerodynamic efficiency, it also has it throwbacks.
Due to an absence of a horizontal tail and a relative high pitching moment from its large lifting body,
flying wings might have problems with the longitudinal static stability [6]. Furthermore, the rudders
and elevators of flying wings might not have the same level of command as they have on conventional
aircraft. To overcome this issue, the dimensions of the control surfaces can be increased to give larger
moments, but as a result, the hinge moment will increase with the cube of the scale [3].

At the nominal cruise condition, the trim of a flying wing aircraft is considered as trimmed when the
aerodynamic centre of pressure is coinciding with the centre of gravity [8]. The nose-up and nose-down
pitching moment is required to be minimised by the fact that the aircraft needs to have positive static
stability. This limits the use of positive aft camber and conflicts with the cabin deck angle requirement.

Because of the fact that a flying wing has no empennage to trim resulting pitching moments, the
aircraft can not use high lift devices such as flaps. As a result, trailing edge control surface deflections
are set by trim requirements, rather than maximum lift. Therefore, a flying wing will have both a lower
maximum lift coefficient and a lower wing loading compared to conventional aircraft. Examples of the
trim on the lift behaviour can be found in AGARD [9]. This implies that the maximum lift coefficient of
a flying wing will occur at relatively high angles of attack.

In case of a flying wing with high sweep angle, research performed by Luckring [10] showed that
in combination with a blunt leading edge, the range for angles of attack increases due to leading edge
vortices rolling over the suction side of the surface. Three examples of blunt leading edge flying wings
are given in figure 1.1. Luckring [10] showed that a 50 degrees constant swept chord wing with a
blunt ONERA D airfoil had its maximum lift attained at an angle of attack of about 30 degrees. The
setup used showed that at a Reynolds number of 2.3 ⋅ 10ዀ the maximum lift angle already shifted by
more than 10 degrees compared to the study performed on the Boeing 777-200. The influence of the
sweep angle changed the relative airfoil shape that the air flow faced, which was different compared
to a non-swept wing. In other words, the sweep of the wing made the relative chord length longer
and therefore less blunt. As was researched by Luckring [10], the larger the sweep angle of the blunt
airfoil wing, the larger the angle of attack of the maximum lift was.

The same pattern occurs to delta wings, where large leading edge vortices are rolling over the wing
[11, 12]. Delta wings are aircraft which feature a triangular planform. Examples of such aircraft are
the Concorde, the Avro Vulcan and the Eurofighter Typhoon. The leading edge vortices on delta wings
characterise the aircrafts flight performance in such a way that the maximum lift coefficient may be
around 40 degrees angle of attack [13]. Therefore, close correlation might be found between highly
swept flying wings with blunt leading edges and delta wings.
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1.2. The Flying V
This section elaborates on the work of the initial proposal of the Flying V aircraft and the research
progress made by the Delft University of Technology. The initial proposal can be found in subsection
1.2.1. The research progress made by the Delft University of Technology can be found in subsection
1.2.2. This progress will be, together with the initial proposal, used to identify the problem and give
answer to the research questions.

1.2.1. Initial Proposal
Research on flying wings has led to advantages, disadvantages and constraints compared to conven-
tional aircraft. One of the ideas Benad came up with, was an aircraft called the Flying V [14]. In this
work, a study was performed to see how the volume inside a pure flying wing for commercial passenger
transport was derived. An impression of the Flying V can be found in figure 1.2.

A configuration proposal of two cylindrical pressurised sections for the payload swept-back in the
shape of the letter V was made and compared to the reference aircraft, the Airbus A350-900 4. The
two cylindrical pressurised sections were initially designed to hold up to 315 passengers in a two class
seat layout throughout the whole cabin. Because the cylinders are put in a swept-back position at the
leading-edge, a cut-out in the stream-wise direction results in a flat and elliptical shape, compared
to a circular shape if the cut is being made orthogonal to the leading edge. The way of putting the
pressurised cylinders in a swept-back position is beneficial to the structural solution of the aircraft itself,
as the pressurised cylinders can maintain their original cylindrical shape and no further strengthening
is required.

Compared to the Airbus A350-900, the Flying V has the same number of passenger and a cruise
speed of 𝑀 = 0.85 which, due to the advantages of the blended-wing-body shape, leads to a 10%
higher lift over drag ratio and a 2% lower empty weight of the aircraft. More advantages of the Flying
V is that the aircraft is smaller and more compact compared to the Airbus A350-900 and that is has a
simpler configuration. This simpler configuration means that the Flying V does not have any high-lift
device and fairings equipped.

Figure 1.2: Impression of the initially proposed Flying V aircraft 5

4Airbus A350-900, URL: https://www.airbus.com/aircraft/passenger-aircraft/a350xwb-family/a350-900.
html, visited on: January 28th, 2019
5The Flying V, URL: http://www.jbenad.com/flyingv/, visited on: January 28th, 2019

https://www.airbus.com/aircraft/passenger-aircraft/a350xwb-family/a350-900.html
https://www.airbus.com/aircraft/passenger-aircraft/a350xwb-family/a350-900.html
http://www.jbenad.com/flyingv/
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As the engines are put over the wing, instead of under the wing, the noise is shielded from the
ground and results in less noise [15, 16] compared to the Airbus A350-900. Since the design of the
aircraft only uses a moderate wing twist and no reflexed camber lines, the lift distribution of the Flying V
is elliptical [17], even though it has an irregular shape. Based on this, along with the aerodynamic and
structural advantages, the design of the Flying V is worth-wile to continue the investigation. Research
done at the Delft University of Technology will be discussed in the next subsection.

1.2.2. Previous Work
A summary of the work done by the researches at the Delft University of Technology is as follows.
Faggiano et al. [18] performed a research on the aerodynamic design of the Flying V and how the
aerodynamic performances during the cruise phase compared to the NASA CRM. Answers were found
in how the three-dimensional geometry of the aircraft could be parametrized and what the maximum
lift over drag ratio of the aircraft during cruise was. With a lift coefficient of 0.26 during cruise, the
multi-fidelity calculations led to a lift over drag ratio of 23.7, which is about 25% higher compared to
similar conventional aircraft with the same mission profile. Besides the calculations performed for the
lift and drag ratio, the multi-fidelity calculations optimised the design for the Flying V as well. The
results of the new planform solution can be found in figure 1.3.
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Figure 1.3: Optimised planform of the Flying V

The planform of the Flying V, which can be seen in figure 1.3, was optimised in such a way to
lower the super-velocities, local lift coefficient and thus the Mach numbers. The main sweep angle
was slightly increased and the sweep angle from the kink till the tip was increased from 15 degrees to
38 degrees. As a result, the Mach numbers over the wing were considerably lower compared to the
original design by Benad and Airbus Operations GmbH [14].

1.3. Problem Statement
Based on the advantages, disadvantages, constraints and characteristics of flying wings, Benad and
Airbus Operations GmbH [14] came up with a preliminary study which resulted in a concept aircraft
called the Flying V. Based on the results of this study, a patent was issued which led to the interest
of the Delft University of Technology. Research performed at the Delft University of Technology led
to an optimised design from the conceptual design proposed by Benad and Airbus Operations GmbH
[14]. Results showed improvements for the structural weight and aerodynamic efficiency of the aircraft,
which means that the optimised preliminary aircraft has potential for further research.

The next step in the research performed by the Delft University of Technology is to demonstrate the
flight capabilities and airworthiness of the Flying V. This will be done by performing a sub-scale flight
test with the optimised preliminary model. Sub-scale flight testing is used to evaluate and demonstrate
free flight characteristics of an aircraft [19]. Compared to a full-scale flight test, a sub-scale flight test is
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a convenient way to investigate extreme and high risk portions of the flight envelope without exposing
a pilot to risk. By using sub-scale flight testing, the risks and costs of a manned full-scaled flight are
reduced and it therefore offers an ideal opportunity to demonstrate the feasibility of unconventional and
innovative designs such as the Flying V. Examples of sub-scale flight tests performed are for example
the PTERA 6 and MicroCub 7 from NASA, and the X-48 Blended Wing Body 8 from NASA and Boeing.

Before the sub-scale flight test can be performed, the entire set of flight characteristics has to
be known. Since in the previous work performed at the Delft University of Technology the optimised
preliminary aircraft was investigated for cruise only, no research has been performed regarding the
flight characteristics during approach speed and high angles of attack. Therefore, research has to be
performed into the behaviour of the aircraft and the flow during approach speed and at high angles of
attack. Three different scenarios that may cause the sub-scale flight to fail during the test are identified
and discussed below in sections 1.3.1, 1.3.2 and 1.3.3.

1.3.1. Angle of Attack and Speed Constraints
During the sub-scale flight test, it is important to know the approach and stall speed of the aircraft.
By not knowing these speeds, it may occur that during approach the flight speed of the aircraft drops
below the stall speed and the aircraft falls out of the sky. The explanation for this event can be found
in equation 1.1 and 1.2.

𝐿 = 𝑊 (1.1)

𝐿 = 𝐶ፋ
1
2𝜌𝑉

ኼ𝑆 (1.2)

The relation between these equations is that the weight of the aircraft must be same as the lift
produced by the flow over the wings, in order to maintain height during flight. The lift of the aircraft
can be changed if required. If it is required for the aircraft to lower its altitude, the lift of the aircraft
must be reduced. This can be done by reducing either the angle of attack of the aircraft, which lowers
the lift coefficient, or the flight speed. Both the lift coefficient and the flow speed are related to the
flow behaviour over the wing.

The flow behaviour over the wing for the approach and stall speed is unknown, as well as for the
variation in angle of attack. By not knowing the flow behaviour, it is not possible to set constraints on
both the minimal flight speed and the maximum angle of attack. By increasing the angle of attack too
much, the flow over the aircraft might separate and loss of lift occurs. By flying below the stall speed,
not enough suction force will be produced to generate lift and the aircraft will fall out of the sky. Both
of these two scenarios will lead to a loss of the aircraft. Therefore, the pilot has to know these values
before the sub-scale flight test can be performed.

1.3.2. Centre of Gravity Positioning
The positioning of the centre of gravity for aircrafts is important for the stability and trim. A statically
stable is aircraft is able to naturally dampen out any destabilising inputs. An example of the importance
of a statically stable aircraft is elaborated in an example below.

”As the pilot of the sub-scale model is performing the flight test, a sudden gust strikes the aircraft.
The sudden gust influences the flow behaviour over the wing and increases the suction forces over the
wing. As a result, the angle of attack is increased. The angle of attack rises quickly and the pilot loses
control over the aircraft, resulting in a loss of the aircraft.”

6NASA Armstrong Fact Sheet: Prototype-Technology Evaluation and Research Aircraft (PTERA), URL: https://www.nasa.
gov/centers/armstrong/news/FactSheets/FS-108-AFRC.html, visited on: February 12th, 2019
7NASA Armstrong Successfully Flies a New Subscale Aircraft, URL: https://www.nasa.gov/centers/armstrong/
features/microcub_first_flight.html, visited on: February 12th, 2019
8X-48 Blended Wing Body Research Aircraft Makes 100th Test Flight, URL: https://www.nasa.gov/centers/dryden/
Features/x-48_100th_testFlight.html, visited on: February 12th, 2019

https://www.nasa.gov/centers/armstrong/news/FactSheets/FS-108-AFRC.html
https://www.nasa.gov/centers/armstrong/news/FactSheets/FS-108-AFRC.html
https://www.nasa.gov/centers/armstrong/features/microcub_first_flight.html
https://www.nasa.gov/centers/armstrong/features/microcub_first_flight.html
https://www.nasa.gov/centers/dryden/Features/x-48_100th_testFlight.html
https://www.nasa.gov/centers/dryden/Features/x-48_100th_testFlight.html
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In the example above, the aircraft was statically unstable. This means that the angle of attack
exponentially increased and is hard or even impossible to counteract for by the pilot. For a statically
stable aircraft, the positive change in angle of attack will naturally be counteracted by the aircraft itself
in a damped motion. The aircraft will return to its original angle of attack. For statically neutral aircraft,
the positive change in angle of attack leads to significant difference after the gust, meaning the gust
changes the attitude of the aircraft into another statically neutral state.

Based on the example given above, it is important for the aircraft to be statically stable. This can be
achieved by positioning the centre of gravity in a precise location. The location of the centre of gravity
depends on the location of the result force. The resultant force is the summed force of the main body
lifting forces and the control surfaces lifting forces. The location of the centre of gravity must lie ahead
of the resultant force, in order for the aircraft to be statically stable. If the location of the centre of
gravity lies on top of the resultant force, the aircraft is statically neutral. For the scenario discussed in
the example above, the location of the centre of gravity was aft of the resultant force and the aircraft
was statically unstable.

Therefore, the location of the resultant force has to be known in order to position the centre of
gravity carefully. By placing the centre gravity carefully ahead of the resultant force, the pilot will be
able to fly a statically stable aircraft, with a decreased risk of losing the aircraft due to static instability.

1.3.3. Control Surface Usage
The control surfaces are the most important measure for the attitude change and trim of the aircraft.
A positive deflection of the control surfaces (pointing down) results in an increased suction force and
therefore an increase in lift force. The other way around, a negative deflection of the control surfaces
(pointing up) results in a decrease in suction force and a decrease in lift. By moving the control surfaces
up and down, both the strength and the position of the resultant force will change. As a result, the
aircraft will pitch up (nose up), or pitch down (nose down).

By a pitch up of the aircraft, the aircraft will increase its angle of attack and therefore increase the
generated lift. The other way around, a pitch down motion decreases the angle of attack and the lift
coefficient and makes the aircraft decrease its altitude. This way by making use of the control surfaces,
the aircrafts attitude and altitude can be controlled by the pilot.

For the pilot it is important that the control surfaces allow for both trim and pitch control at all
angles of attack of the flight envelope. Therefore, it is important to know the effectiveness of the
control surfaces. For the pilot being able to control the aircraft, it is required to find out what the
relation is between the pitching moment and the centre of gravity location. Since the control surfaces
were sized and fixed in the design, the amount of control effectiveness can be changed by putting the
centre of gravity at a certain percentage ahead of the resultant force. This is defined by the static
margin.

It is generally used that the centre of gravity lies between a static margin of 5-15% of the mean
aerodynamic chord length ahead of the resultant force location. If the centre of gravity lies close to
the resultant force, the control surfaces provide very rapid pitch changes against a low static stability.
The other way around, if the centre of gravity lies far ahead of the resultant force, the aircraft shows
a high static stability with low control surface effectiveness. By keeping the static margin within the
5-15%, the aircraft will show the best combination between static stability and control effectiveness.
This way, the pilot is able to move the control surfaces such that the aircraft is trimmed and can be
controlled for pitch.

Not only is it for the pilot important to know how the pitch of the aircraft is handled by the control
surface, the pilot also needs to know how what to expect from the control surfaces regarding the lift.
As mentioned earlier in this subsection, if the control surfaces are positive deflected, the overall lift of
the aircraft is increased and the opposite occurs as the control surfaces are negatively deflected. A
certain state of trimmed flight might therefore be different if the centre of gravity was positioned at a
different location. Incorrect positioning of the centre of gravity and not knowing the effectiveness of
the control surfaces and it impact on the lift, pitch and stability of the aircraft may result in a loss of
the aircraft.
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1.4. Research Objective and Questions
The objective of the thesis research holds the assessment of the flight characteristics of the Flying V
sub-scale model at approach speed and high angles of attack, by performing a wind tunnel test using
a self built scale model. As discussed in the problem statement in section 1.3, the flight characteristics
during approach speed and high angles of attack are unknown. This is however essential for the pilot
to fly a statically stable aircraft and to have constraints on the angle of attack and minimum flight speed
to avoid losing the aircraft. The assessment was performed using a scale model of the Flying V, which
was built by hand. The research is based on the results of a wind tunnel experiment performed at the
Open Jet Facility at the Delft University of Technology.

Based on the initial proposal, the previous work and the problem statement, the main research
question of the thesis is defined as:

”What are the flight characteristics of the Flying V sub-scale model at approach speed
and high angles of attack?”

To provide information to solve the main research question, sub questions are defined. The sub
questions are defined as:

1. What is the lift generation mechanism for the approach speed of the Flying V sub-scale model at
varying angles of attack and what is the effect on the lift and pitching moment?

2. What is the optimal centre of gravity location of the Flying V sub-scale model that ensures trimmed
flight and a statically stable aircraft?

3. For a given set of the control surface design, what is the estimation for the approach and stall
speed for the Flying V sub-scale model?

1.5. Thesis Report Outline
The thesis research report is divided into several chapters. In chapter 1, the introduction of the thesis
research is given. In this chapter, a literature review for the initial proposal and the previous work of the
Flying V is given. Based on this, the research problem is defined, followed by the research objectives
and questions. Chapter 2 elaborates on the model and experiments performed. First, the design,
manufacturing and assembly of the sub-scale model is discussed, followed by the goals, experimental
set-up and expected results of the wind tunnel experiments. Before the results from the experimental
tests are presented and discussed, a discussion towards the wind tunnel corrections, verification and
validation of the results is made in chapter 3. In chapter 4, the results of the wind tunnel experiments
are presented. This chapter is divided into two sections, the first section presenting and discussing the
results of the balance measurements and the second section presenting and discussing the results of the
flow visualisations. The interpretation of the wind tunnel experiments towards the sub-scale flight test
is discussed in chapter 5. In this chapter, the stall behaviour, trimmed flight and approach implications
are discussed. The thesis research report is concluded in chapter 6, in which recommendations and a
discussion towards future work is given as well.





2
Model and Experiment

In this chapter the model and the experiment will be discussed. The chapter is started with the
manufacturing of the aircraft in section 2.1, where the design, materials, infusions and assembly is
discussed. Section 2.2 is about the wind tunnel setup, what to expect during the wind tunnel test and
which results are expected from the wind tunnel test.

2.1. Manufacturing
In this section the manufacturing of the Flying V is described. This is done by the design of the Flying
V, as presented in subsection 2.1.1. In subsection 2.1.2, the materials for the half model are discussed,
followed by the part manufacturing using vacuum assisted resin transfer moulding in subsection 2.1.3.
In the last subsection 2.1.4, the assembly of the half model is described.

2.1.1. Design
Using the geometry and aerodynamically optimised design from the research performed by Faggiano
[20], the outer dimensions of the full-scale Flying V were known. For the wind tunnel experiment, a
scaled version of the Flying V was build. To build this model, a design was made using CATIA V5 1.
The scaled version of the aircraft had a 3 meter wingspan and a surface area of 1.86 square meter.
The reason for this down-scaling of the full-scale model were limitations of the wind tunnel dimensions
and collaboration with research studies into scaling laws. The parameters of the planform of the wing
can be found in figure 2.1.

As can be seen from this figure, the half model has a root length of around 1.1 meter, a wingspan
of about 1.5 meter, four different airfoil locations (at the root, trailing edge kink, leading edge kink and
the tip) and two different sweep angles. The sweep angle of the leading edge between the root and
the leading edge kink is about 64.5 degrees, while the sweep angle of the leading edge between the
leading edge kink and the wing tip is about 37.9 degrees. The maximum thickness over chord ratio at
the root is equal to about 0.16, while at the tip this is equal to 0.10.

From the previous researches, only the outer skin geometry could be used for the scaled version
of the Flying V. This led to a complete structural and systems design that was performed to make a
complete model. During the design process it was chosen to make the aircraft as stiff as possible. After
load and stress tests with different materials were performed, it was chosen to manufacture sandwich
parts from fibreglass with a foam core for the ribs, spars and skin. The reason for the sandwich parts
was in order to withstand the large amount of stresses and shear forces that led to bending and torsion
during the wind tunnel test. The selection of the materials is discussed in section 2.1.2.

During the design process, close relation with respect to the wind tunnel model and the flight model
had been made. As the wind tunnel model is a half-model and the flight model is a full wingspan model,
1CATIA - Dassault Systèmes 3D Software, URL: https://www.3ds.com/products-services/catia/, visited on: January
17th, 2019
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All dimensions are in millimeters
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Figure 2.1: Planform of the scaled half model of the Flying V

the wind tunnel model had to consist out of all the equipment that the flight model features as well.
Therefore, in the design of the scale model, the flight model was always the standard model to ensure
analogy between the wind tunnel and flight test results. In the design, the systems were integrated in
the model as well. This included the engines and the design of its support, the winglet and the design
of its support, the landing gear integration, the control surfaces, the wiring, the systems integration
(e.g. batteries, servos, pitot tube, etc.) and the design of the ribs and spars.

The structural design was performed in the way that the bending and torsion was minimised during
the wind tunnel and flight test. A stiff model leads to less aeroelasticity effects for the data obtained
from the test. From an experimental test where the buckling load was tested for a panel section,
it turned out that a sandwich of three layers of fibreglass, a foam core and another three layers of
fibreglass led to the best stiffness versus weight. For the skin it was decided to go for three layers
of fibreglass, a foam core in-between the location of the ribs and spars and another three layers of
fibreglass.

For the structure of the model, it was chosen to design a wingbox framework inside the skin. This
consisted out of a front spar near the leading edge, an aft spar at the trailing edge, twelve ribs in each
half wing and three ribs with two spars in the winglet. In the root section of the aircraft, it was chosen
to place two ribs perpendicular to the flight direction. This in order to withstand the high stresses and
forces in the root of the aircraft. The remaining ribs were placed perpendicular to the front spar for
torsional stiffness of the wingbox.

The engines selected for the Flying V are the DS-86-AXI HDS from Schübeler Jets 2. The engines
have a 120 millimetre diameter fan, producing 101 Newton of thrust with an exhaust speed of 99

2Schübeler Jets - HDS Fans, URL: https://www.schuebeler-jets.de/en/products/hds-en, visited on: January 18th,
2019

https://www.schuebeler-jets.de/en/products/hds-en
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meter per second. One engine would be equipped at either side of the wing, at around 240 millimetres
measured in spanwise direction from the root. The support of the engine consisted out of three
lightweight aluminium parts. The support for the engines featured an attachment point for the main
landing gear as well. This way, the support was optimised to be multi-functional and lightweight for
the integration of both the engine and the landing gear. The parts of the support were connected to
the aft spar and were both glued and bolted to ensure the connection holds during all flight conditions.

At the wingtip, a support was designed which was able connect the winglet with the wingtip and to
carry the loads from the winglet to the wingtip. A curved aluminium piece was designed in order for
the winglet to get the correct spacing from the wingtip and for the winglet to have the correct sweep
angle. Inside the winglet, a control surface was designed to control the slip angle of the aircraft.

At the trailing edge of the wing between the trailing edge kink and the wingtip, three independently
controlled control surfaces were designed to control the pitch and roll of the aircraft. Three independent
servos drive the angle of attack for each of the control surfaces. The control surfaces were sized in
a research performed by CFD, which determined the required sizes and expected responses from the
elevators and ailerons.

An isometric view of the design made in CATIA can be found in figure 2.2. In here, the skin was
made transparent to show the inner structure of the aircraft. Next to this, the landing gear, the engines
and the support are visualised in the figure as well. The winglet is mounted on the aircraft as well
and a cover for the transition between wingtip and winglet had been made. The battery placement
is also visualised in the model, but this is only a visualisation, as for the flying model the location will
determined based on the centre of gravity estimate performed in section 5.2.

Figure 2.2: Isometric view of the CATIA design

Due to timing towards the wind tunnel experiment, it was chosen to manufacture a simplified model
of the full designed aircraft for the half-model of the Flying V. The half-model of the Flying V did not
feature the landing gear, the engine and the winglet. Making this decision had multiple implications
with respect to the results. The result of the wind tunnel model were based on a half-wing without any
off-surface influences, like the engine and landing gear. Therefore, the lift, drag and moment results
would be different compared to the full functional flight model. On the other hand, the simplification
of the half-model made it easier to understand the flow behaviour over the wing and it made it easier
to interpreter the result as well.
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2.1.2. Materials
For the materials chosen for the manufacturing of the Flying V, testing of sample panels led to the
decision for specific materials. An experiment performed for the shear forces of a square sandwich
panel showed that the panels could handle over one thousand Newton. These shear forces resulted in
shear stresses and strains, which led to the panel to buckle and fail. Besides the buckling of the panel,
more tests have been performed based on part bonding, panel manufacturing and bending.

Based on these results, for the skin of the wing a combination of fibreglass with AIREX C70.75 foam
panels 3 had been chosen. The combination of both the materials led to the possibility of creating a
sandwich panel to prevent buckling during the wind tunnel tests. At the location where ribs and spars
are positioned, no foam was located to increase the bonding possibilities of the parts. At the leading
and trailing edges, no foam panels had been used as well, as no buckling was expected here. AIREX
foam had been chosen, because this foam offers closed cells that do not collapse under vacuum during
the resin infusion. For the skin, the layup is divided into three layers of fibreglass, followed by the 2
millimetres AIREX panel plates and another three layers of fibreglass.

For the spars and ribs, it was decided to manufacture one large and one small sandwich panel.
These sandwich panels were waterjet cutted to get the correct dimensions for the spars and ribs
during the assembly. To make all the ribs and spars, the panels were sized in such a way that all parts
fitted within the two panels. The core of the sandwich panels did not have the AIREX foam panels, but
rather the Depron foam panels. The thickness of the foam was 6 millimetres, this in order to increase
the bonding surface of the spars and ribs to the skin of the aircraft. The panels consisted out of three
layers of fibreglass, 6 millimetres of Depron foam and another three layers of fibreglass.

For the control surfaces, the inner structure of the ribs were made out of balsa wood, stiffened
by strips of carbon fibre at the spar. Balsa wood is very light and easy to use for small part shaping.
Because balsa wood is very flexible, strips of carbon fibre were used to stiffen the balsa wood and
make the control surfaces stiffer.

The mould used to manufacture the skins of the main wing and the winglets for the aircraft are
made from SikaBlock M700 4, which were CNC machined according to the CATIA design to obtain the
correct shape. These blocks were glued together into a left and right part of the wing. The left and
right part were bonded together using polystop to ensure a vacuum bond. This bond was brittle enough
to separate the moulds from each other in case this was required.

2.1.3. Vacuum Assisted Resin Transfer Moulding
For the manufacturing of the parts, the method of VARTM (Vacuum Assisted Resin Transfer Moulding)
was used. VARTM is a method where first a lay-up of a product is made, followed by resin infusion
using vacuum. After the infusion is completed, the part is cured for 24 to 28 hours. For the resin
infusion, a mixture of epoxy and hardener was used.

The lay-up of the parts was performed by using either the SikaBlock moulds described in section
2.1.2, or flat aluminium plates. The main wing skin and the winglet skin were infused using the moulds,
the big and small panels for the ribs and spars were infused using the flat aluminium plates. Before
the lay-up was performed, the surface of both the moulds and the aluminium was sanded to ensure a
smooth surface roughness. Then, it was cleaned with acetone or ethanol to remove any of the dust
from the grooves between the grains. After this, the surface was treated with a Marbocote release
agent 5, which was used to separate the laminate from the mould or plate.

When the surface of either the mould or the plate had been treated with the release agent, the
laminate was made. The laminate was made from three layers of fibreglass, a layer of foam and
3AIREX C70 PVC foam, URL: https://www.3accorematerials.com/en/products/airex-foam/airex-c70-pvc-
foam, visited on: January 21st, 2019
4SikaBlock M700, URL: https://advanced-resins.sika.com/gbr/en/solutions_products/product-groups/
block-materials/model-and-tooling-boards/sikablock-m700.html, visited on: January 21st, 2019
5Mould Release Agents for Composite, URL: https://www.marbocote.co.uk/products/mould-release-agents-
for-composite-components/, visited on: January 21st, 2019

https://www.3accorematerials.com/en/products/airex-foam/airex-c70-pvc-foam
https://www.3accorematerials.com/en/products/airex-foam/airex-c70-pvc-foam
https://advanced-resins.sika.com/gbr/en/solutions_products/product-groups/block-materials/model-and-tooling-boards/sikablock-m700.html
https://advanced-resins.sika.com/gbr/en/solutions_products/product-groups/block-materials/model-and-tooling-boards/sikablock-m700.html
https://www.marbocote.co.uk/products/mould-release-agents-for-composite-components/
https://www.marbocote.co.uk/products/mould-release-agents-for-composite-components/
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another three layers of fibreglass. On top of this went peel ply, perforated foil and flow-mesh. The
borders of the mould or plate were enclosed by tacky tape, which created a perfect airtight seal with
the vacuum foil to create a vacuum. The inlet was connected to the flow-mesh and the outlet was
connected to the breather, which as in contact with the laminate. Though the foam, holes were drilled
to construct a resin connection between the upper and lower fibreglass layers.

Before the infusion of the resin, the vacuum bag was thoroughly tested for leakages. A test was
always performed at about 5 millibars, at which the vacuum pump was closed and the leakage was
tested. A tolerance of 1 millibar per 5 minutes was allowed to limit leakages and air bubbles inside the
product. Before the leakages were tested, the pump ran for about 30 minutes to ensure almost all the
air was removed from the product.

As the leakage testing was completed, epoxy and hardener were mixed to make the resin for the
infusion. For the mixture, about 77% of the mixtures mass was epoxy and about 23% of the mixtures
mass was hardener. After mixing, the mixture was put under vacuum for the degassing of the resin.
This was done to eliminate all remaining air bubbles from the resin to enter the product. After 30
minutes of degassing, the resin was infused into the product by keeping the vacuum onto the product.
The velocity of the resin was regulated by opening and closing valves to ensure the product was
completely infused. After the resin was infused, all valves were closed and the product cured for about
24-28 hours. An impression of the infusion can be found in figure 2.3.

Figure 2.3: Infusion of the upper wing skin
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2.1.4. Assembly
After all parts had been manufactured, the half-model of the aircraft was assembled. First, the lower
wing skin was placed inside the mould to create a solid base which could not be deformed while working
on the part. From this point onward, the edges of the laminate were trimmed and the spars and ribs
were fitted and positioned in the correct location. The ribs and spars were sanded with the correct
cant angle, so it perfectly fitted the curvature of the wing skin. An impression can be found in figure
2.4.

Figure 2.4: Spars and ribs fitted in the lower wing skin

From this point onward, the electronics were installed and the upper side of the wing skin was
glued to the ribs and spars. This can be found in figure 2.5. The gluing of the two wing skin shells
was performed while the lower shell was still inside the mould. The ribs and spars were sanded and
canted into the correct angle with respect to the upper wing skin shell. Furthermore, a bonding strip of
balsa wood was glued onto the leading and trailing edges that created an additional bonding area. The
advantage of this extra bonding area was that during the wind tunnel experiment, the leading edge was
less prone to rip the two wing skin shells off each other. The bonding procedure was performed using
a vacuum bag, to ensure a distributed and equal pressing force all over the surface area. After the
half-model had been glued together, the surface of the wing was sanded to ensure a smooth surface
roughness. Furthermore, the leading edge and the trailing edge were sanded to provide a smooth
transition from one wing skin to the other. In the figure, the structure for the control surfaces can be
found as well.

Figure 2.5: Closed wing skin

For the control surfaces, the structure was made out of balsa wood and already glued into the two
shells to preserve the correct shape as they were cut. The cutting of the control surfaces led to the
possibility to modify the control surfaces by adding a circular nose to the leading edge and hinges from
the leading edge of the control surface to the rear spar of the main wing. The cut out of the control
surfaces can be found in figure 2.6.
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Figure 2.6: Cut out of the control surfaces

After the control surfaces had been cut from the main wing, inserts into the wing skin had to be
made. This was to allow the control horns of the servos from inside the closed shell to stick out and
make a connection with the control surfaces. The circular nose at the leading edge of the control
surfaces were made out of balsa wood, which can be found in figure 2.7. This way, the nose was easy
to modify into shape and ensured a perfect fit of the control surfaces to the main wing.

Figure 2.7: Control surface with a balsa wood leading edge

After the control surfaces had been fitted to the main wing, the servos were tested to measure the
excitation of the control surfaces. During the test, it turned out that the servos allowed to have deflec-
tions from -125% up to +125%. The percentages were modified and tuned such that the controller
delivered the same deflection for all the control surfaces. The same configuration is required for the
flying model to ensure similarities between the deflection angle of the half-model and the full-model,
as they will be built separately from each other.

During the first campaign, it turned out that the oil flow visualisation did not give the expected
results, as explained in section 2.2. To solve this, between the first and second wind tunnel campaign,
the surface of the half-model was painted with black paint. During the first campaign, the surface of the
half-model was only sanded and unpainted. The painted version of the half-model provided a smoother
surface roughness and a better contrast for the pictures taken during the oil flow experiments. The
fluorescent dye lighted up brighter and therefore the quality of the results was improved.
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2.2. Wind Tunnel Testing
A wind tunnel experiment is the main method after designing the Flying V to verify that the aircraft
meets the aerodynamic expectations. This is because using CFD, the high angles of attack are not
simulated well due to uncertainties in the turbulence models towards vortices and separation. In this
chapter, the goals, set-up and expected results of wind tunnel experiment are described. To give a clear
overview of how the chapter is divided, the section is started by explaining the goals of the wind tunnel
experiment in section 2.2.1, followed by the set-up in section 2.2.2, the flow measurement techniques
in section 2.2.3 and the expected outcome of the results in section 2.2.4.

2.2.1. Goals of Wind Tunnel Experiment
The goal of wind tunnel experiment was to acquire an accurate quantitative aerodynamic representation
of the flight characteristics of the Flying V. It is important to know the flight characteristics to identify
the capabilities of the aircraft during high angle of attack and approach speed conditions, to see its
shortcomings and its strengths. The main goal of the wind tunnel experiment was to acquire data
which led to an estimation of the maximum lift coefficient, provided a visualisation of where at different
conditions the air separates from the surface of the aircraft, what the lift and moment behaviour of
the aircraft is, to show the influence of the control surfaces onto the lift and moment of the wing at
various flying conditions, to estimate the approach and stall speed and to estimate the optimal centre
of gravity location for a trimmed and statically stable flight.

2.2.2. Wind Tunnel Set-Up
The wind tunnel experiments for the assessment of the flight characteristics of the Flying V were held
at the Open Jet Facility wind tunnel (OJF) of the Delft University of Technology [21]. An impression
of the wind tunnel can be found in figure 2.8. The Open Jet Facility is a closed loop wind tunnel with
an octagonal test section of 285 × 285 cm (W×H). The room itself where the half-model was placed
in, is a room of 13 × 8 meters (W×H). The flow was accelerated by a large fan which was, propulsed
by a 500 kW electric fan, generating a maximum velocity of 35 m/s. After the fan, the flow passed
through a diffuser and turned twice in a 90 degrees angle by two columns of corner vanes. Then, the
flow passed through another short diffuser and entered the settling chamber. Five fine-mesh screens
provided the airflow to reduce its turbulence and velocity deviations. Then, via contraction, the air was
blown into the test-section. At the end of the test section, the flow was cooled by a large radiator and
was guided back to the fan by another set of two 90 degrees corner vanes.

Figure 2.8: Impression of the Open Jet Facility 6

6TU Delft - Open Jet Facility, URL: https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-
wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-
facility/, visited on: January 21st, 2019

https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
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In the wind tunnel itself, a six-axis balance was used in order to measure the forces and moments
in and around the x-, y- and z-axis. The balance digitally provided data to the computer, which saved
all data such that it could be investigated at a later moment. The balance recorded the forces and
moments for a time length of thirty seconds. This way, the fluctuations in the data were averaged out
over the other data points.

The balance was put onto a turntable, which set the angle of attack during the experiment. The
turntable was controlled from a computer in the control room. In here, the angles were set and
maintained while the balance measured the forces and moments. The turntable was actively adjusting
the angle of attack and was not locked, therefore small fluctuations during the measurement occurred,
but were also be cancelled out as the balance took the average over time as the recorded value.

The turntable and the balance were put onto a flat table, which could be moved around the floor
and be raised in order to match the height of the jets floor. The flat table provided a solid base that
did not move during the experiment. On top of this table, a set-up with a frame was built where the
splitter plate was put. The splitter plate was put into the flow to remove the boundary layer of the jet
from the measurement. The splitter plate had an aerodynamically shaped leading edge that decreased
the tendency to separate the flow and increase the boundary layer over the plate.

Underneath the splitter plate, another plate was positioned which was in line with the floor of the
jet. This way, the balance was not in direct contact with the flow from the jet to minimise noise and
false data. From the balance, a strut support was built through holes of both plates to mount the half
model. The half model was in contact with the balance through the support. In the first wind tunnel
campaign, a triple strut support was used. After the test, it turned out that the support was not stiff
enough in bending and torsion. For the second and third campaign this was solved by a new and
stiffened support design. The supports were not in contact with the plates, to make sure no noise or
false data was recorded. Around the support, a shield was built to eliminate any possible influences
from the air to the data recorded by the balance. Furthermore, it was made sure that as the turntable
turned the support, plates and half-model, no contact to the support and half-model was made and
they could rotate freely. Because of this, external influences onto the balance measurements were
minimised and only data from the half-model was taken. An impression of the set-up can be found
in figure 2.9 through 2.13. In figures 2.14 through 2.17, schematic geometry and dimensions of the
set-up can be found.

Half-model

Fixed splitter plate

Moveable circular splitter plate

Aerodynamic leading edges

Windshield for aircraft strut support

Fixed balance shielding plate

Figure 2.9: Set-up for the wind tunnel experiment with the half-model mounted
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3x Strut support

4x beam for plate support

Turntable

Balance

Flat table

(1st campaign)

Figure 2.10: First campaign support set-up

4x beam support for
upper frame

Wing strut support
(2nd and 3rd campaign)

Flat table

Turntable
Balance
4x beam for plate support

Attachment plate

Figure 2.11: Second and third campaign support set-up
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Jet outlet

Splitter plate
Metal supporting frame

Windshield for aircraft strut support

Fixed balance shielding plate

Moveable circular plate

Turntable

Flat table

Figure 2.12: Lower view of the set-up for the wind tunnel experiment

Fixed splitter plate

Moveable circular splitter plate

Flat table

Aerodynamic leading edge

Balance shielding plate

Aircraft root support

Figure 2.13: Upper view of the set-up for the wind tunnel experiment

Mid-plane

1220

88
5

88
5

400

Figure 2.14: Schematic isometric view of the set-up used during the wind tunnel experiments [22] (Dimensions are in
millimetres)
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Figure 2.15: Schematic side view of the set-up used during the wind tunnel experiments [22] (Dimensions are in millimetres)

Figure 2.16: Schematic top view of the set-up used during the wind tunnel experiments [22] (Dimensions are in millimetres)

Figure 2.17: Schematic rear view of the set-up used during the wind tunnel experiments [22] (Dimensions are in millimetres)
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2.2.3. Flow Measurement Techniques
To visualise the flow during the wind tunnel experiments, smoke, tufts and surface oil were used to
provide information about the boundary layer of the flow 7. Impressions of these methods can be
found in figure 2.18. Smoke is one of the oldest ways to visualise the flow behaviour. It can be used
to show vortices and it can be used anywhere on and off the surface to visualise the flow. This can be
seen as an easy and cheap way to diagnostically visualise the flow and can be inserted into the flow
via a hollow wand. The disadvantages of using smoke are that this method does not work at velocities
higher than about 480 km/h, it has to be introduced into the flow without disrupting the flow itself and
that the smoke will leave a residue inside the wind tunnel and/or the aircraft model 8.

(a) Tuft visualisation on a wing 9 (b) Smoke visualisation on an airfoil 10

(c) Oil visualisation on a Blended-Wing-Body 11

Figure 2.18: Measurement techniques of flow visualisation around a test object in a wind tunnel

Tufts are another method to visualise the flow. Tufts are made from nylon, polyester or cotton and
are placed on the surface of the aircraft to show the air flow direction in the boundary layer just above
the surface of the wing. The tufts always point into the direction the flow is moving and therefore it
will be possible to visualise the streamlines of the flow. This method is an easy and cheap method as
well and does not alter the flow if the tufts are from the correct material and length. To locally know
the situation of the boundary layer, a tuft can be placed on a wand as well to manually set the desired
location.

7Flow Visualization, URL: https://www.grc.nasa.gov/www/k-12/airplane/tunvis.html, visited on: January 22nd,
2019
8Smoke and Tuft Flow Visualization, URL: https://www.grc.nasa.gov/www/k-12/airplane/tunvsmoke.html, visited
on: January 22nd, 2019
9Luminescent Mini-tufts, URL: http://www.tsagi.ru/en/research/measurements/tufts/, visited on: January 23rd,
2019
10SDSU Wind Tunnel Testing Facility, URL: http://newscenter.sdsu.edu/aerospaceengineering/welcome.aspx,
visited on: January 23rd, 2019

11Glow with the Flow, URL: https://www.nasa.gov/aero/flow_patterns_image.html, visited on: January 23rd, 2019

https://www.grc.nasa.gov/www/k-12/airplane/tunvis.html
https://www.grc.nasa.gov/www/k-12/airplane/tunvsmoke.html
http://www.tsagi.ru/en/research/measurements/tufts/
http://newscenter.sdsu.edu/aerospaceengineering/welcome.aspx
https://www.nasa.gov/aero/flow_patterns_image.html
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The method using surface oil is another method to visualise the flow 12. Using this method, it
is possible to show streamlines and boundary layer separation of the flow, as the oil is not able to
penetrate the separation boundary. It has to be noted that the oil needs the correct lay-up thickness
in order to create the best results. For the visibility of the oil, an ultraviolet dye was used which lighted
up under a bright ultraviolet light source. Oil flow is used to show the direction of the wall shear stress
vector on the surface of the model. While the experiment is ongoing, the oil will follow the wall shear
stress vectors and develop long streaks. The dye inside the oil will either cluster together to indicate
separation, or follow the long streaks to indicate the direction of the flow on the surface of the model.

The combination of these techniques will result in substantiation for the results found by the bal-
ance. The flow visualisation provides clear data on how the air behaves over the surface of the wing.
Therefore this data can be taken as an argumentation into the discussion for the overall results and
the findings from the balance results.

2.2.4. Expected Results
The balance results from the wind tunnel test will be raw digital data delivered in ”.txt” files. This
digital data will be recorded by the 6-axis balance and the Pixhawk controller 13, which records data
from the control surfaces. The data will be provided in the order that is determined by the test
matrices. The results need to be processed after the wind tunnel test in order to provide conclusions
on what the lift and moment behaviour of the wing is. Furthermore, an analysis on the results from
the flow visualisations will be made to understand the correlation between balance readings and the
flow. Adding to this, the flow visualisations will provide insight into the boundary layer separation from
the aircraft and if vortices are present over the wings. Photos and videos of this will be taken and lead
to the support of conclusions to be drawn.

After the data has been processed, the expected results are figures for the lift curve, moment curve,
centre of pressure location and neutral point location. It is expected that a clear lift gradient is shown
for the nose-up motion and that a maximum lift coefficient can be seen. The moment curve will lead to
an investigation into the optimal centre of gravity location and the effectiveness of the control surface
for the stability of the aircraft.

From the balance results, the aim is to not only process the actual lift and moment data, but to get
their derivatives as well. The lift slope and the moment slope (also known as the stability derivative)
are needed in order to make predictions for the neutral point. Besides their need for the predictions
of the neutral point, the lift and moment slope are important for the static stability of the aircraft as
well. The investigation into the static stability will provide results which are directly related to the
investigation into the centre of gravity location. The correlation between both the topics are used to
draw conclusions for the flight characteristics of the Flying V.

12Surface Oil Flow Visualization, URL: https://www.grc.nasa.gov/www/k-12/airplane/tunvoil.html, visited on:
January 22nd, 2019

13Pixhawk, URL: https://pixhawk.org/, visited on: January 23rd, 2019

https://www.grc.nasa.gov/www/k-12/airplane/tunvoil.html
https://pixhawk.org/
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Verification and Validation

Before the balance results were discussed in chapter 4, the balance data was verified and validated
in order to show the accuracy and precision, as well as the repeatability and reproducibility of the
data. Before the verification and validation was elaborated on, in section 3.1 the discussion on the
wind tunnel corrections was made. Then, in section 3.2, the discussion towards the verification of the
results was made. In section 3.3, the validation of the data was discussed.

3.1. Wind Tunnel Corrections
Before the data from the wind tunnel experiments could be used for the assessment on the aerodynamic
characteristics of the wing, the raw data needed to be corrected in order to ensure precise and correct
data. Data correction was applied for the bias during the experiment itself and for the three-dimensional
flow of an open-jet wind tunnel. The bias corrections in section 3.1.1 were performed for the correction
of the model and setup at a standstill, while the corrections for the open-jet wind tunnel in section
3.1.2 were based on the characteristics of the tunnel. Correction for the three-dimensional flow of
an open-jet wind tunnel, the buoyancy, solid blockage, wake blockage, streamline curvature and the
downwash corrections were taken into account, as discussed by Barlow et al. [23].

3.1.1. Bias Corrections
The bias corrections were divided into two separate methods. The first method was the method where
the vibration induced bias error was taken into account, which was a correction for the dynamic bias
error. As explained by Buehrle et al. [24], the dynamic bias error is determined by an algorithm which is
dependent on the time and frequency domain. During the experiment, it was noticed that the vibrations
on the wing could impact the results at a specific time. Therefore, it was made sure that the measuring
time was set to thirty seconds. By doing this, a large single vibration or a multiple of it was cancelled
out by the rest of the small vibrations during the measuring time, so that it did not impact the results.

The second bias correction taken into account was the deviation at the beginning and end of each
run. To account for this bias correction, it was made sure that during all the experiments for each run
a balance reading was made at the beginning and end of the run, making sure the wing was set at
zero degrees angle of attack (AoA) with the flow velocity set to a standstill [25]. By looking at the
data measured at the beginning and end of the run, it was seen that some small forces and moments
were measured, even when the undisturbed flow was set to zero velocity. Therefore, for the data
processing it was taken that the bias error increased linearly over time from the begin of the run till
the end of the run. The equation from this linearly approach was than taken into account for each
single measurement done during the run and was subtracted from the measured data. This way, the
measured data during the run was not only corrected for the dynamic bias error correction, but as well
for the static deviation approximated linearly over time from the static begin and end situation.

Furthermore, during the three wind tunnel campaigns the setup had been changed between the
first and second wind tunnel campaign. During the first wind tunnel campaign, a triple strut support

23
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was used to mount the wing to the balance. During the experiments it turned out that the triple strut
structure was bending due to the forces acting on the wing. Not only did the support bend, it also
twisted due to the bending moments caused by the forces on the wing. This resulted in a shift in local
angle of attack, where the input angle set to the turntable did not result in the same angle of attack of
the wing. During the entire first campaign, a needle was fitted to the nose of the wing to indicate the
actual angle of attack the wing was facing during the experiments. This was done by a scale drawn to
the splitter plate which did not move at any point during the entire campaign. As the velocity of the air
was set to zero, a full angle of attack sweep was performed to mark the reference angle of attack of the
turntable. During the experiments itself, it was therefore easily readable from a top view camera what
the angle set to the turntable was (and thus the measured angle of the balance) and the actual angle
of attack of the wing in the airflow. As the wind tunnel was running, an increase in angle of attack
resulted in larger deviations between the actual angle of attack and the angle set to the turntable. This
makes sense in the way that if the angle of attack is increased, the forces and moments acting on the
wing are larger and thus that the support will bend and twist more. For the remaining two wind tunnel
campaigns, the triple strut support was changed to a very stiff beam support, which did not allow the
bending and twisting of the support anymore.

3.1.2. Open Wind Tunnel Corrections
As the bias correction was taken into account, the results also needed to be corrected for the wind tunnel
used during the experiment. This correction procedure was performed according to the discussion of
Barlow et al. [23]. The recordings from the wind tunnel needed to be corrected for in order to correct
for any blockage and wall influences of the flow on the model. This influence leads to different results,
as the flow behaves differently if it is blocked by the shield, or faces a different inflow incidence on
the model by the models wake interacting onto the side walls of the wind tunnel. For the correction of
the Open Jet Facility 1, the dimensions of the jet were taken together with the rest of the wind tunnel
dimensions.

For the derivation of the wind tunnel corrections, assumptions in the dimensions were made. The
derivation made by Barlow et al. [23] assumed the model used is a full wingspan model with finite tips
on both ends. Since the wing used in the wind tunnel is a half model, it is assumed and also suggested
by Barlow et al. [23] to mirror the geometry around the symmetry plane at the root. This way, both
the model and the tunnel are mirrored and thus twice as long. In figure 3.1 an impression of the mirror
plane can be found.

First the solid blockage of the wing and the shield was calculated. The solid blockage of the wing
can be seen as the blockage that the frontal area of the wing generates. This blockage then interacts
with the surrounding flow by accelerating it according to the Bernoulli equation. The solid blockage of
the wing and the shield was calculated according to equation 3.1.

𝜖፬ =
𝐾ኻ ⋅ 𝜏ኻ ⋅ 𝑉፰,፬
𝐶(ኽ/ኼ) (3.1)

Based on this equation, the solid blockage of the wing was estimated to be 0.0064 and the solid
blockage of the shield was estimated to be 0.0036. It has to be noted that the calculated blockages are
for a closed wind tunnel. It is mentioned by Barlow et al. [23] that the open jet blockage factors can be
taken as a fourth of the values calculated for closed wind tunnels. This means that the total blockage
factor was equal to 0.0025. This blockage factor was taken to correct for the dynamic pressure from
the jet exit. This definition can be found in equation 3.2.

𝑞 = 𝑞ፚ ⋅ (1 + 𝜖፭) (3.2)

1Delft Open Jet Facility, URL: https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-
wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-
facility/, visited on: December 18th 2018

https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
https://www.tudelft.nl/en/ae/organisation/departments/aerodynamics-wind-energy-flight-performance-and-propulsion/facilities/low-speed-wind-tunnels/open-jet-facility/
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Figure 3.1: Impression of the symmetry plane of the tunnel and wing (not to scale)

The corrected dynamic pressure calculated in the equation was about 0.5% higher compared to
the dynamic pressure recorded during the experiment. Given this fact, the lift coefficient for example
decreased as a consequence of having a higher dynamic pressure with the same forces recorded.

Continuing on the blockages, the wake blockage is a blockage which is corrected for due to separated
flows which influence the momentum effects outside the wake. The wake blockage was calculated by
the definition given in equating 3.3 and 3.4. The wake blockage factor depends on the drag coefficients
of the wing and the surface area of the wing to jet area of the wind tunnel. In equation 3.3, the last
term represents the drag coefficient due to stall. This means that before separation occurs, this term
vanishes and only the first term is applied in the calculations.

𝜖፰ =
𝑆
4𝐶𝐶ፃᎲ +

5𝑆
4𝐶 (𝐶ፃ − 𝐶ፃᑚ − 𝐶ፃᎲ) (3.3)

𝑞
𝑞ፚ
= 1 + 𝑆

2𝐶𝐶ፃᎲ +
5𝑆
2𝐶 (𝐶ፃ − 𝐶ፃᑚ − 𝐶ፃᎲ) (3.4)

For the wake blockage investigation, only the linear part is investigated where no separated flow is
coming of the wing. Therefore the equations were educed and led to a wake blockage factor of 0.0005.
The correction for the dynamic pressure is a decrease of 0.10%. As the authors mention, in an open
wind tunnel the sign of the wake blockage factor is reversed. Furthermore, it has to be noted that the
given equations apply for a closed wind tunnel section. The authors do not have specific wake blockage
equations for open wind tunnels, therefore it is mentioned that the wake blockage of open wind tunnels
is smaller compared to closed wind tunnel sections. Given the fact that the wake blockage difference in
dynamic pressure for closed wind tunnel without separated flow was about 0.10%, for the open wind
tunnel this would even further reduce. Therefore, it was decided that the wake blockage correction
was negligible and the dynamic pressure correction only applied on the solid blockage correction.

All the blockage factors were taken into account for the correction of the dynamic pressure. With
this corrected dynamic pressure, the lift coefficient and the other aerodynamic coefficients used must
be recalculated, as they all depend on the dynamic pressure. Given that the dynamic pressure was
increased with about 0.5% and for example the lift coefficient is linear with respect to the dynamic
pressure, the lift coefficient is decreased by about 0.5%.

Continuing on this, the correction for the blockage decreased the lift coefficient of the wing by the
increased dynamic pressure. From this on, the downwash corrections could be taken into account.
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The downwash correction was made in order to correct for the angle of attack due to the adjusted
streamline curvature, as the angle of attack was increased. The method to correct for the downwash
corrections was mostly correcting trailing surfaces, but since the Flying V does not have a trailing
surface, the correction was only made for the wing itself. The correction was based on the geometry
of the wind tunnel and the effective vortex span of the wing. Again, the dimensions were taken in such
a way that the mirror plane at the root provided a complete finite aircraft.

From the book of Barlow et al. [23], the vortex span over the geometric span was estimated to
have a ratio of 0.70, which led to an effective vortex span of 2.55 meters. Note that the wingspan of
the wing itself is 3 meters, so the effective vortex span is smaller by almost half a meter compared to
the wingspan of the model. The effective vortex span over the jet width led to a constant with a value
of 0.52 and a jet height over width ratio of 0.58, which was used to derive the boundary correction
factor from the figures from book. A summary of the values can be found in table 3.1

Table 3.1: Summary of dimensions used for boundary correction factor estimation

ᑧ
 [−] 𝑏፯ [𝑚] 𝑏 [𝑚] ᑧ

ᑒ
[−] ፡ᑒ

ᑒ
[−]

0.70 2.55 3.00 0.52 0.58

From the figures from Barlow et al. [23], three different values for the boundary correction factor
were derived. The first boundary correction factor was -0.188, which was for an open rectangular jet
with a model with uniform loading. The second boundary correction factor derived from the figures
was equal to -0.165, which was for an open elliptical jet with a model with uniform loading. The last
boundary correction factor was -0.165 as well, which was for an open elliptical jet with a model having
an elliptical loading. The summation of the boundary correction factors derived from the figures can
be found in table 3.2.

Table 3.2: Summary of boundary correction factors

Boundary correction factor, 𝛿 [−]

Open rectangular jet, uniform loading -0.188
Open elliptical jet, uniform loading -0.165
Open elliptical jet, elliptical loading -0.165

The wind tunnel used during the experiment featured an octagonal jet. As mentioned by Barlow
et al. [23], the open octagonal jet can be approximated as an elliptical jet, given that the mirrored jet
has a wider width that height. Therefore, it was chosen not to approximate the open octagonal jet as
a open rectangular jet, but as an open elliptical jet. For the Flying V, it was given that the aircraft was
designed with an elliptical loading [20].

The downwash correction for the model used during the wind tunnel experiment could be calculated
by the definition given in equation 3.5. From this equation, it was seen that the downwash correction
for the angle of attack was based on the boundary correction factor, the surface area of the wing with
respect to the surface area of the jet and the lift coefficient of the wing.

Δ𝛼፰ = 𝛿 ⋅ (
𝑆
𝐶) ⋅ (

180
𝜋 ) ⋅ 𝐶ፋᑨ (3.5)

Since the correction was based on the lift coefficient, the correction for the angle of attack of the
wing gets larger as the lift coefficient increases. The change in corrected angle of attack of the wing
over the lift coefficient of the wing was equal to a ratio of -1.26. This means that the correction in angle
of attack for the wing only was equal to -1.26 times the lift coefficient of the wing. For the complete
correction of the angle of attack, the angle of attack which was recorded during the experiment was
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added with the correction for the angle of attack of the wing only and the correction in the angle of
attack for the upflow. The correction in angle of attack for the upflow is assumed to be zero, as this
value was not recorded during the experiment and was usually close to zero. Therefore, the total angle
of attack correction for the wing only depended on the recorded angle of attack and the correction
for the downwash of the flow. Furthermore, as the model did not have a tail or a trailing surface, the
complete correction for the angle of attack was based on the angle of attack correction due to the
downwash. Results showed that at maximum lift coefficient, the angle of attack is corrected by -1.4
degree, which is a maximum correction of about -3%.

For the corrections made, several assumptions had been applied. The most important assumptions
were that the setup was mirrored over the root of the half wing in order to create a finite full wing
span model which was usable for this method. Furthermore, the solid blockage factor was assumed
to be about a fourth of the value calculated, as the equations used were for closed wind tunnels while
for this experiment an open wind tunnel was used. Besides this, the octagonal jet of the wind tunnel
was in the mirrored setup approximated as an elliptical jet. Next, the upflow of the wind tunnel was
assumed to be negligible. As a last note, the model was used as a wing only model and that there is
no correction on the wing due to any tail or other trailing surfaces.

Besides all the assumptions stated above, the authors from Barlow et al. [23] mention that the big
differences between the methods shown in the book for closed wind tunnels and for the use of open
wind tunnels are that the sign of the boundary correction factor changes and the blockage correction
is a fourth of the one derived from the closed wind tunnel equations. The rest of the method for
closed wind tunnels corrections is similar to open wind tunnels. A word of caution from the authors
is that when using a splitter plate to shield the balance from the airflow is, the open wind tunnel is
not completely open and should be approximated as one solid boundary tunnel. This method was
discussed by Heyson [26, 27] and Ewald [28] and described how a splitter plate was used in a ’3/4
method’. Because of the fact that the splitter plate was exactly in the mirror plane of the wing, it
was assumed that the corrections made by Barlow et al. [23] were correct. As the splitter plate lied
horizontal with the model standing vertical onto it at the root, the location and orientation of the splitter
plate was therefore not influencing the downwash or the solid blockage factors.

The total corrections for the dynamic pressure and for the angle of attack, shown in table 3.3, were
not very significant. Together with all the assumptions made to get to these values, it is arguable
whether it is scientifically correct to continue with these corrections. Based on this, it was decided to
not take any dynamic pressure and angle of attack corrections into account for the post-processing
of the results from the experiments. The corrections made with respect to the bias were taken into
account, which means the results shown in the upcoming sections are the raw data from the wind
tunnel experiments.

Table 3.3: Summary of open wind tunnel corrections

Dynamic pressure, ፪ᑔ፪ᑒ
[%] Angle of attack, ጂᎎᑨᎎᑦ

[%]

+0.5 -3

Between the first wind tunnel campaign and the second and third wind tunnel campaign, the strut
support between the root of the half model and the balance was changed, as was explained in chapter
2.2.2. The reason for the change in setup was due to the twist of the support when it was under
load. The twist of the support made the support and wing touch the frame of the setup. This led to
incorrect recorded data due to the interaction between the support and the frame. For the second and
third wind tunnel campaign this problem was solved by a new and stiffer support design. Therefore,
the external influences were limited and the recorded data was the actual data from the half model
only. Due to the incorrect measured data from the first wind tunnel campaign, in the next sections the
results from this campaign will not be discussed and are regarded as untrustworthy. Therefore, only
the data from the second and third wind tunnel campaign will be used for this research. For future
studies, it is recommended that the wind tunnel corrections are predicted with a more accurate model,
such that the balance results from the experiments are more accurate.
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3.2. Verification
As all results have been presented and discussed, the results also need to be verified and validated in
order to ensure accuracy and precision. Where precision is a description on random errors, accuracy is
a description on systematic errors like the bias error. The systematic errors can be reduced by ensuring
the use of a calibrated balance and turntable, a stiff support and a high quality model.

The bias is taken into account during the experiment. Each time a new run was started during the
wind tunnel test, a bias measurement was taken at zero air velocity and zero position of the turntable.
At the end of the run a bias measurement was taken as well in order to see the drift of the sensors.
The drift was taken into account by linear interpolation through time to compensate for the systematic
bias.

In table 3.4 the maximum and standard deviation of the balance can be found [29]. As the balance
is capable of measuring forces up to 250 Newton in the lift direction and 500 Newton in axial direction,
the uncertainty is limited to 0.06% [30]. For the sake of the Flying V, this means that a 0.06% deviation
in lift or moment recorded during the measurement results in a very small impact with respect to the
real flight. As disturbances in the air during the flight may cause bigger influences to the model than
the uncertainty errors of the balance, it is said the uncertainty error is acceptable for accuracy of the
results.

Table 3.4: Standard and maximum deviation of the balance

Δ𝐹፱ [𝑁] Δ𝐹፲ [𝑁] Δ𝐹፳ [𝑁] Δ𝑀፱ [𝑁𝑚] Δ𝑀፲ [𝑁𝑚] Δ𝑀፳ [𝑁𝑚]

Max. deviation 0.06 0.23 0.16 0.05 0.05 0.25
Standard deviation 0.02 0.05 0.05 0.01 0.01 0.07

During the wind tunnel test, the random errors were hard to measure. To limit random errors, it is
important to have a closed environment that minimises the influences from outside. Therefore during
the test it was made sure that all doors were closed and no access from outside was granted during
the runs without permission from the control room. Furthermore, the testing facility was thoroughly
cleaned before the experiments were performed to prevent dirty flow and no obstructions were present
to disturb the flow coming from the jet.

3.2.1. Tufts and Oil Flow Comparison
In order to verify that the results are as expected, a comparison for the tufts and oil flow with respect
to the lift curve of the aircraft was made. This in order to show any differences and whether the
differences are logical with respect to the expected outcome.

Looking into the behaviour of the tufts, results for a comparison are given in figure 3.2. As for some
runs performed during the experiment, pictures of the tufts are taken. Therefore, it is important to
know how the tufts influence the boundary layer in such a way that it is known how this changes the
results with respect to the lift force. As seen in figure 3.2a, the difference in lift coefficient between
the tufts-on and tufts-off wing are not major, meaning the influence of the tufts on the boundary is
not impacting the results on a large scale. Looking into detail, it is shown in figure 3.2b that the lift
coefficient with the tufts equipped over the full suction surface is slightly lower compared to the wing
without any tufts. The average difference in lift coefficient is estimated to be around 0.01, which is
negligible compared to the lift coefficient itself.

It is also observed that the difference in lift coefficient before the vortex lift becomes dominant is
larger compared to the angles of attack where the vortex lift is dominant. In the region where the
vortex lift is dominant, the lift decrease at the lift coefficient of 0.8 is estimated to be 2.5%. Around
the maximum lift coefficient, the differences in lift coefficient because of the tufts get larger before the
two curves overlap each other.
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(a) Lift curve for the wing with and without tufts (b) Zoomed version of figure 3.2a

Figure 3.2: Comparison of the wings lift curve with and without tufts equipped

Based on the observations from the tuft experiments and their influence on the lift performances
of the wing, a same comparison is made for the experiment where the wing is covered in fluorescent
visualisation oil for the pictures taken in section 4.2.2. The comparison between the run with clean
surface and the run where the oil is applied can be found in figure 3.3.

(a) Lift curve for the wing with and without oil (b) Zoomed version of figure 3.3a

Figure 3.3: Comparison of the wings lift curve with and without visualisation oil applied on the surface

In this figure it is seen how the oil run affects the generation of the lift. The very thin layer of oil
increases the dimension of the wing very minimalist. Together with this and the fact that the surface
finish of the oil is very smooth, it does not have any influence on the lift characteristics of the wing.
Also when zoomed in onto the curve, the differences are less than 1%. The only noticeable difference
is that any disturbance during the run can be made to the wing or the support at the moment when
the oil was reapplied. The data was recorded when the wing was untouched and stabilised, but even
with this taken in mind there is no major difference spotted between the run with and without the oil
applied.

3.2.2. Reynolds Number Effects
Looking into the effects of the Reynolds number, a comparison between four different velocities from
the second wind tunnel campaign had been made. The comparison for the Reynolds number effect
on the lift curve for the second wind tunnel campaign can be found in figure 3.4. In this figure the lift
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curves for four different velocities at the second wind tunnel campaign is found, namely 15, 18, 25 and
30 meter per second. The corresponding Reynolds numbers at the MAC of 0.820 meter can be found
in table 3.5.

Table 3.5: Reynolds numbers at the MAC of 0.820 meter

𝑉 = 15 [𝑚/𝑠] 𝑉 = 18 [𝑚/𝑠] 𝑉 = 25 [𝑚/𝑠] 𝑉 = 35 [𝑚/𝑠]

Reynolds number, 𝑅𝑒 [−] 828.000 994.000 1.380.000 1.656.000

It was discussed by Jacobs and Sherman [31] that an increase in Reynolds number increased the
lift coefficient. This was also explained by von Doenhoff and Tetervin [32] and Abbott et al. [33], where
it was shown that the lift coefficient increased with increasing the Reynolds number due to a thinner
boundary layer. Looking into the data provided, it is seen that with increasing the Reynolds number
the lift coefficient was decreased. This is contrary, as it was expected that the lift coefficient would
increase, instead of decreasing with increasing Reynolds number.

(a) Lift curve for different Reynolds numbers (b) Zoomed version of figure 3.4a

Figure 3.4: Comparison for different Reynolds numbers on the lift coefficient

Looking into the angle of attack, it is seen that for the 25 meter per second case, the lift curve
abruptly changed slope at 20 degrees. The same occurred for the 30 meter per second case, but than
at an angle of attack of 15 degrees. Also the maximum lift coefficient of the 15 and 18 meter per
second cases were clearly not matched by the 25 and 30 meter per second cases. Looking into the
lift slope in figure 3.4b, it is seen that at very low and negative angles of attack the lift slopes exactly
matched each other. From the angle of 2 degrees onward, it is observed that the lift slope of the 25
and 30 meter per second case deviated from the runs performed at 15 and 18 meter per second. This
again was not explained by the Reynolds number effect and the solution had to be found in the skin
of the wing or the attachment plate touching the splitter plate. This makes sense by looking into the
abrupt lift slope changes. The lift coefficient barely increased and this may be a sign of the model and
the splitter plate touching each other. For the 15 and 18 meter per second case of the second wind
tunnel campaign it can be concluded that the wing and the attachment plate did not touch the splitter
plate, by the small deviation found between the results.

An explanation for the decreased lift coefficient might be found in the dihedral of the wing. The
dihedral angle of the wing might have been increased by the bending of the support, or by the bending
of the wing itself. For wings with dihedral, it is known that the stability will increase, at the cost of lift
and drag [34]. Therefore, this might be an explanation for the additional generated lift by the increased
dihedral angle.
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3.3. Validation
For the validation of the balance data from the wind tunnel experiments, a standard deviation analysis
was made to verify consistency of the data. This analysis gives an indication on the accuracy and
precision of the data, as well as the repeatability and reproducibility of the data. The results of the
standard deviation analysis can be found in figure 3.5.

By looking into the figure it is seen how the deviation varies with each angle of attack. The figure
consists out of a weighted arithmetic mean for two data sets from the second and two data sets from
the third wind tunnel test. For the processing of the results, it was made sure that each data point
was recorded at the same angle of attack, at the same air speed of 18 meters per second and clean
configuration. The vertical error bars visualise the deviation of three times the standard deviation.
Using three times the standard deviation for a normally distributed data set, it is expected that 99.73%
of all future recorded data fits within the upper and lower limit, provided that the exact same setup
and aircraft configuration will be used. The averaged triple standard deviation over all angles of attack
is estimated to be 0.016.

Figure 3.5: Standard deviation for the lift curve

The maximum lift coefficient is estimated within a 0.72% error margin using three times the standard
deviation of 0.008, meaning the maximum lift coefficient is predicted with high accuracy. Around ten
and thirty degrees angle of attack, the deviation gets larger. At ten degrees angle of attack the largest
standard deviation is recorded, namely 0.043 for the triple standard deviation. This is an error margin
of about 12.3% At thirty degrees angle of attack, the deviation recorded is 0.028, which is about 2.90%
using the triple standard deviation. At low angles of attack in the regime of the linear lift slope, the
averaged triple standard deviation is estimated to be 0.014, which is slightly lower compared to the
overall averaged deviation.





4
Wind Tunnel Results

During the wind tunnel campaigns, data was obtained from the 6-axis balance, the Pixhawk controller
and from the oil, tufts and smoke visualisations. First, in section 4.1, the balance results will be
discussed. This discussion provides the results from the data recorded by the balance on the lift and
pitching moment. In section 4.2, the results of the oil, tufts and smoke visualisations will be presented
and discussed.

4.1. Balance Results
During the wind tunnel experiments, three different wind tunnel campaigns were performed. The
numerical data from the experiments was obtained in data sheets where the forces (𝐹፱, 𝐹፲, 𝐹፳) in- and
the moments (𝑀፱, 𝑀፲, 𝑀፳) around the x-, y- and z-axis are listed. Besides this, data with respect
to time (𝑡), total temperature (𝑇ኺ), total pressure (𝑃ኺ), delta pressure (Δ𝑃 = 𝑃ኺ − 𝑃), undisturbed
air velocity (𝑉) and dynamic pressure (𝑞) have been recorded. This data was taken to calculate and
provide results with respect to the lift and pitching moment of the wing. First, as discussed in section
3.1, the raw data was corrected for the wind tunnel and setup used. Furthermore, the data from the
first wind tunnel test was left out of the discussion, for the fact that external factors influenced the
data recordings of the balance. After the correction had been applied, the results for the lift of the
wing were provided in section 4.1.1, followed by an analysis on the pitching moment in section 4.1.2.

4.1.1. Lift Results
As the data had now been corrected for the bias, the first discussion made was to the lift of the wing.
To calculate the lift from the balance results, first the data had to be converted from the balances axis
system to the wings axis system. As the axis system of the balance rotated with the angle set to the
turntable, it was assumed no correction had to be made for this. The balance rotated around its centre
point and this was also where the support attachment was positioned. Looking into the wing, it was
assumed that if the angle of attack was increased, the lift and drag parameters remained at a fixed
angle, which had a reference angle set at an angle of attack of zero degrees. Therefore, the results
of the balance needed to be converted to the axis system of the wing, as the reference angles of the
balance to the lift and drag changed with each variation in angle of attack. The axis system is defined
in figure 4.1.

In this figure it is seen that the ’x-axis’ represents the x-axis of the balance and the ’y-axis’ represents
the y-axis of the balance. The angle of the balance is defined by the Greek symbol 𝜃. For the second
and third wind tunnel campaign, the angle of the balance was assumed to be identical to the angle of
attack 𝛼 of the wing. The equations for the calculations of the lift force and lift coefficient can be found
in equation 4.1 and 4.2.

𝐿 = −(𝐹፱ ⋅ 𝑠𝑖𝑛 (𝜃) + 𝐹፲ ⋅ 𝑐𝑜𝑠 (𝜃)) (4.1)

𝐶ፋ =
𝐿

ኻ
ኼ𝜌𝑉

ኼ𝑆
= 𝐿
𝑞 ⋅ 𝑆 (4.2)
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Figure 4.1: Lift axis system

Following equation 4.1, the forces 𝐹፱ and 𝐹፲ are set to negative, as the lift force is pointing in
the positive upward direction and the reference system of the balance is in the negative downward
direction. The equation for the lift coefficient shown in equation 4.2 is the simplified equation that
results from the fact that the undisturbed air velocity during the experiment was much lower than the
velocity where the compressibility effects had to be taken into account, 𝑀 < 0.3 [35].

A comparison for the lift coefficient between the two wind tunnel campaigns can be found in figure
4.2. During the second (C2) and third (C3) wind tunnel campaign, the maximum velocity of 35 meters
per second was achieved and experimental data for the lift was taken at 15, 18 and 20 meters per
second. For the comparison of the data, the situation had been taken where on all cases a Zig-Zag
strip was applied to the model and the tufts were not equipped.

Figure 4.2: Lift coefficient comparison for each wind tunnel campaign
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In figure 4.2, the maximum lift coefficient reached during the second and third wind tunnel campaign
are about the same. The maximum lift coefficient is defined as the point where the aerodynamic forces
acting on the wing generate the most lifting force possible for a specific angle of the entire range angles
of attack. The exact numbers for the maximum lift coefficient and the angle of attack can be found in
table 4.1.

Table 4.1: Maximum lift coefficient

Maximum lift coefficient, 𝐶ፋᑞᑒᑩ [−] Angle of attack, 𝛼 [∘]

Second campaign 1.08 42
Third campaign 1.09 41

After the maximum lift coefficient had been reached, both the lift curves decreased slightly in lift
coefficient. However, at an angle of attack of 48 degrees, a lift recovery was noted where both the lift
curves reached a lift coefficient of 1.08. This is explained by the complex flow showed in the oil flow
visualisations in section 4.2.2, where it is seen that large leading edge vortices influence the separation
of the boundary layer and the generation of lift. From this angle of 48 degrees onward, as was shown
by the data from the third campaign, the lift coefficient reduced and the wing went into stall.

To provide more insight into the lift curve, an investigation into the lift slope of the lift curve was
made. The lift slope was investigated by the increase in the lift coefficient over each degree in angle
of attack. This is shown by equation 4.3. For the derivation of the data, the data of the lift coefficient
was taken as a polynomial, which showed a norm of residuals of less than 4%. From this polynomial,
the derivative of the data was taken and used for the lift slope. The unit of the lift slope is taken in
ኻ
፫ፚ፝ , rather than

ኻ
፝፞፠ .

𝐶ፋᒆ =
𝜕𝐶ፋ
𝜕𝛼 (4.3)

Based on the results of the lift coefficient from figure 4.2, the lift slope could be taken to show the
findings for the lift gradient before the vortex lift becomes dominant and during the regime where the
vortex lift is dominant. The results can be found in figure 4.3. At low angles of attack, it is seen from
the figure that the lift gradient for the second and third campaign is constant. As can be seen in both
figures, the lift slope increased at an angle of attack of 6 degrees and found its maximum vortex lift at
an angle of attack of 12.5 degrees for the second campaign and 13.5 degrees for the third campaign.

Going beyond than this angle of attack, it was seen that at an angle of attack of 20 degrees for
both the second and third campaign, the lift gradient was lower than the initial lift gradient before the
vortex lift came into play. From this angle onward, the lift gradient decreased and therefore resulted in
that the lift coefficient was increased at a lower rate. The decrease was linear until the angle of attack
of 25 degrees, where the decrease reduced in magnitude in both the campaigns. The maximum lift
coefficient was reached around the angle of 40.5 and 43.5 degrees for the second and third campaign
respectively, by the indication that the curves crossed the zero gradient line.

It was also shown that the lift recovery noted in the lift curve was due to a change from a negative
lift gradient into a positive lift gradient. After the recovery, the lift gradient became negative again and
remained negative as the wing went into stall. In the figure it is shown that only the second campaign
features this behaviour, while for the third campaign this was not the case. The reason for this is found
in the approach of estimating the lift slope by a polynomial through the lift curve. This resulted in a
shift of the maximum lift coefficient to 43.5 degrees and the neglect of lift recovery. The same applies
for the second wind tunnel test, where the angle of attack of the maximum lift coefficient shifted from
42 to 40.5 degrees.
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Figure 4.3: Lift slope comparison for each wind tunnel campaign

In table 4.2 the numbers for the lift slopes can be found. The first number is the constant lift slope
at low angles of attack before the vortex lift came into play. The second value is the added vortex lift
slope peak. The last value is the change in lift slope due to the vortex lift compared to the constant lift
slope at low angles of attack.

Table 4.2: Lift slope coefficients

Lift slope, 𝐶ፋᒆ [
ኻ
፫ፚ፝ ]

Constant linear lift slope below 5∘ AoA 1.9
Vortex lift slope peak at ≈ 13∘ AoA 2.4
Added lift slope due to vortex at ≈ 13∘ AoA 0.5

As can be seen in figure 4.2, at an angle of attack of 10 degrees onward, the lift slope during both
the campaigns started to increase. As will be explained later in chapter 4.2, this is due to the leading
edge vortices which become dominant from this angle of attack onward and is called vortex lift. The
increase in lift slope due to the leading edge vortices made that the lift coefficient at 21 degrees angle
of attack was increased by about 19%. The added lift due to the vortices is defined by the formula
given in equation 4.4.

𝐶ፋ = 𝐶ፋᒆ ⋅ 𝛼 + Δ𝐶ፋᑧᑠᑣᑥᑖᑩ (4.4)

Another interesting discussion about the models results is the angle of attack range. Where a typical
conventional aircraft like the Boeing 777-200 had its maximum lift angle between the 15 and 20 degrees
angle of attack with high lift devices deployed, the Flying V did not show similar results [36]. Where
the maximum lift angle of the Flying V lied around 40 degrees angle of attack, the results compared
to conventional commercial aircrafts were that the angle of attack for maximum lift is about twice as
large. A survey performed by Luckring [10] showed that a 50 degrees constant swept chord wing with
a blunt ONERA D airfoil had its maximum lift attained at an angle of attack of about 30 degrees. The
setup used showed that at a Reynolds number of 2.3 ⋅ 10ዀ the maximum lift angle already shifted by
more than 10 degrees compared to the study performed on the Boeing 777-200. As was researched
by Luckring [10], the larger the sweep angle of the blunt airfoil wing, the larger the angle of attack at
the maximum lift was.
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4.1.2. Pitching Moment Results
The data regarding the pitching moment was recorded during the experiment in order to draw conclu-
sions for the longitudinal flight capabilities of the aircraft. The lift results have already shown that the
aircraft is able to create lift, but the pitching moment results should lead to whether this wing is able
to be trimmed during flight. The investigation of the trimmed flight is discussed in chapter 5.2. This
section is about the results with respect to a fixed pre-determined centre of gravity location at 1.234
meters behind the nose, which is exactly where the geometric mean aerodynamic chord is located. An
impression of the location of the pre-determined centre of gravity can be found in figure 4.4.
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Figure 4.4: Pre-determined centre of gravity location

Following the same procedure as was done in section 4.1.1, first the axis definition was made
followed by a set of equations to calculate the pitching moment from the recorded data around the
centre of gravity. The definition of the axis system used for the equations can be found in figure 4.5.
As can be seen in the figure, the axis definition was composed by a force and a moment. The force was
taken by the forces in the x- and y-direction of the balance axis system, as defined in figure 4.1. The
abbreviation ’𝑥ፂ፨ፌ ’ stands for the distance between the nose and the centre of measurement, with the
centre of measurement being the location where the balance is positioned and recorded the data. The
distance ’𝑥፠’ stands for the distance between the nose and the centre of gravity. Again, for this section
the centre of gravity is positioned at a fixed location from the nose. The distance ’𝑥፩’ stands for the
distance between the nose and the centre of pressure of the wing. This distance varies with the angle
of attack, as the location of the sum of the forces moves with the angle of attack. It was assumed that
the force in x-direction goes through the centre of gravity and the centre of measurement, eliminating
any spacing and thus a moment. The moment located at the CoM is the moment recorded by the
balance around the z-direction of the balance.

Looking into the definition of the equations for the pitching moment, the goal was to get the moment
around the centre of gravity. Since the resultant force, the angle of the resultant force, the moment
measured due to the resultant force around the centre of measurement and the distance between the
nose and the centre of measurement were known, the distance between the centre of pressure and
the nose could be calculated for each angle of attack. This definition can be found through equations
4.5 to 4.7. Then, as the location of the centre of pressure was known, it was possible to calculate the
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Figure 4.5: Moment axis system

moment around the centre of gravity, as the location of the centre of gravity was set at a fixed location.
This definition can be found in equation 4.8. Then, the moment around the centre of gravity can also
be written in a dimensionless form, given by equation 4.9.

𝐹ፑ = √𝐿ኼ + 𝐷ኼ (4.5)

𝜑 = 𝜃 − 𝑡𝑎𝑛ዅኻ (𝐷𝐿 ) (4.6)

𝑥፩ =
−𝑀፳

𝐹ፑ ⋅ 𝑐𝑜𝑠 (𝜑)
+ 𝑥ፂ፨ፌ (4.7)

𝑀፠ = −𝐹ፑ ⋅ (𝑥፩ − 𝑥፠) ⋅ 𝑐𝑜𝑠 (𝜑) (4.8)

𝐶ፌᑔᑘ =
𝑀፠

ኻ
ኼ𝜌𝑉

ኼ ⋅ 𝑆 ⋅ �̄�
=

𝑀፠
𝑞 ⋅ 𝑆 ⋅ �̄� (4.9)

For this discussion the control surfaces were set to zero deflection angle, which meant the pitching
moment around the centre of gravity purely exists due to the lifting forces acting on the body. A
comparison between the pitching moments can be found in figure 4.6. The location of the balance
𝑥ፂ፨ፌ was positioned at 1.065 meters measured from the nose. The 𝑥፠ distance used in the figure was
taken at the quarter MAC location, now also referred to as 𝑥 ̄/ኾ. For both cases presented in the figure,
the CG location was fixed at the quarter MAC location, at 1.234 meters measured from the nose.

As can be seen in the figure, the results between the second and third wind tunnel campaign were
similar each other. The slope of both the curves had the same sign and about the same magnitude as
well. The small differences between the second and third wind tunnel campaign could be explained by
the position where the centre of pressure was located. Results of the centre of pressure can be found
in figure 4.7.

As presented in the figure, the comparison for the location of the centre of pressure was compared
for both the second and third wind tunnel campaign. The runs presented are from the same data set
as presented in section 4.1.1, which makes comparison easier. It can be seen that around the angle of
attack of zero degrees, the data plotted went into an asymptotic trend. This is explained by the fact
that the force in y-direction of equation 4.7 went from negative into positive and therefore imposes the
asymptotic limit.

It can be seen that the location of the centre of pressure of the second and third wind tunnel
campaign were aft of the MAC location for angles of attack higher than five degrees. Although it is
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Figure 4.6: Moment coefficient comparison for each wind tunnel campaign

arguable whether the location of the centre of pressure was below the 1 meter for very low angles of
attack based on the discussion of the asymptotic limits, the higher angles of attack showed a more
accurate results. The location of the centre of pressure for the second and third wind tunnel campaign
are between the 1.2992 and 1.3919 meters measured at angles of attack higher than ten degrees.

As can be seen in the figure, from the very small positive angles of attack onward, the distance of
the centre of pressure went more towards the trailing edge. From 20 degrees angle of attack onward,
the location of the centre of pressure went more towards the leading edge. This can also be directly
seen in the moment curve in figure 4.6, where the tendency of a negative slope changed to a positive
slope.

Figure 4.7: Centre of pressure location comparison for each wind tunnel campaign
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Based on the moment coefficient, it was possible to look into the longitudinal static stability of the
wing. This was done by comparing the moment coefficient and its slope. The slope of the moment
coefficient is the derivative of the curve of the moment coefficient itself. This can be further defined
as the change in moment coefficient with the angle of attack and is generally known as the stability
derivative. The formulation can be found in equation 4.10.

𝐶ፌᒆ =
𝜕𝐶ፌ
𝜕𝛼 (4.10)

Applying this equation to the moment coefficient shown in figure 4.6 leads to the stability derivative
around the MAC location. The results with respect to the slope of the moment coefficient can be
found in figure 4.8. For the curves presented in the figure, the same approach has been used as was
elaborated on in section 4.1.1. First, a polynomial through the moment coefficient was taken. This
showed a norm of residuals less than 4%. From this polynomial, the derivative of the data was taken
and used for the lift slope. The unit of the lift slope is taken in ኻ

፫ፚ፝ , rather than
ኻ
፝፞፠ . In this figure it can

indeed be seen that the stability derivative for angles of attack below about 20 degrees angle of attack
is negative. Angles of attack larger than about 20 degrees show positive trend up until the angle of
about 40 degrees. This is also around the region where the maximum lift coefficient is reached, which
is estimated at around 40 to 42 degrees angle of attack.

Figure 4.8: Comparison of the stability derivative for each wind tunnel campaign

Based on the sign of the stability derivative, it is possible to indicate whether the placement of
the centre of gravity leads to a statically stable, neutral or unstable aircraft. The aircraft is said to be
statically stable when the stability derivative is negative. This means that with increasing the angle of
attack, the moment coefficient has a downward trend. If the stability derivative is equal to zero, the
aircraft is said to be statically neutral. This means that an influence to the state of the aircraft will
make an adjustment to the orientation of the aircraft, but that the aircraft will remain in the adjusted
orientation if the state is not further influenced. The aircraft is statically unstable as the stability
derivative shows a positive sign. This is seen in the moment coefficient curve as an increasing moment
coefficient with increasing angle of attack [37].
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Based on the theory of static stability of aircraft, the aircraft with the centre of gravity placed at
a distance of 1.234 meters from the nose, which is the location of the geometric MAC of the aircraft,
shows a statically stable behaviour for angles until the 20 degrees angle of attack. This means the
aircraft is stable for any disturbances which increase the angle of attack of the aircraft. From this
angle onward, the aircraft is unstable. From pilot point of view, an unstable model aircraft flown at low
velocities is still flyable, while a real aircraft at very high velocities usually features an autopilot capable
of flying unstable aircraft. As for this discussion the control surfaces are not taken into consideration and
are put to zero deflection angle, the trim of the aircraft can only be discussed based on the placement
of the centre of gravity. The trim of the aircraft with respect to the deflection of the control surfaces
will be discussed in section 5.2. The dynamic stability of this aircraft is not taken into consideration for
this discussion, as not enough data is provided.

Based on the findings from the stability derivative of the aircraft, it is possible to give a first indication
of what to expect from the centre of gravity location. The position of the centre of gravity will make
influences on whether the location of the centre of pressure provides a positive or negative moment
around the centre of gravity. If the centre of gravity is placed behind the centre of pressure, the wing
lift will create a positive moment around the centre of gravity. By turning this around, if the centre of
gravity is placed in front of the centre of pressure, the wing lift will create a negative moment around
the centre of gravity. For the Flying V with its highly swept flying wing layout, the centre of pressure
will be more aft compared to non swept flying wings. As a result, the shape of the Flying V puts the
centre of gravity more forward, while the centre of pressure is more aft and lies behind the centre of
gravity. Therefore, it is investigated how the centre of gravity influences the moment coefficient and
the stability derivative. This is done based on the neutral point. The neutral point is the point where
if the centre of gravity is put at that point, the moment coefficient is equal to zero. This means, the
aircraft is flying in its statically neutral position. This is possible by setting the summation of moments of
the centre of pressure times the arm to the centre of gravity and the moment around the aerodynamic
centre at zero lift to zero. By putting the centre of gravity in front of the neutral point, the wing has a
pitch down moment. If the position is reversed and the centre of gravity lies aft of the neutral point,
the wing has a pitch up moment. This way, the horizontal placement of the centre of gravity works as
a stability measure. The definition for the location of the neutral point can be found in equation 4.11.

𝑥፧፩ = −(
𝐶ፌᒆ
𝐶ፋᒆ

) ⋅ �̄� + 𝑥፠ (4.11)

The equation depends on the slope of both the lift and the moment curve. This way, the neutral
point, also referred to as the pitch stiffness, goes to zero if the centre of gravity is located at the
neutral point [38]. It can also be seen that the pitch stiffness is proportional to the distance between
the neutral point and the centre of gravity, also known as the static margin (SM). The static margin
is usually expressed as the percentage of the distance between the centre of gravity and the neutral
point, both divided by the MAC. This is also shown in equation 4.12.

𝑆𝑀 = −(𝜕𝐶ፌ𝜕𝐶ፋ
) =

𝑥፧፩
�̄� −

𝑥፠
�̄� (4.12)

As a rule of thumb, the static margin of a conventional aircraft with the right amount of stability
and manoeuvrability, the centre of gravity lies within 5%-15% ahead of the neutral point. If the centre
of gravity is put further ahead of the neutral point, the aircraft will have more pitch stability, but less
elevator authority. A centre of gravity location too close to the neutral point gives less pitch stability
and more elevator authority. The data showing the neutral point can be found in figure 4.9.

From this figure it can be seen that the neutral point is very sensitive to separation on the wing,
given the data fluctuates from about thirty degrees angle of attack onward. Given that the centre of
gravity is placed at 1.234 meters from the nose, it shows that the centre of gravity is ahead of the
neutral point for low angles of attack up to twenty degrees when the stability derivative is negative.
By averaging the neutral point from zero to twenty degrees angle of attack, the neutral point for the
second wind tunnel campaign lies at 1.422 meters behind the nose, while for the third campaign this
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Figure 4.9: Comparison of the neutral point for each wind tunnel campaign

is averaged at 1.402 meters behind the nose. This provides a static margin of 22.87% and 20.48% for
the second and third wind tunnel campaign respectively. This shows that the pre-determined centre of
gravity location at the quarter MAC position is too far forward to provide an ideal combination of pitch
stability and elevator authority. An overview of the values can be found in table 4.3. In figure 4.10,
the visualisation of the MAC location and the neutral point on the Flying V are shown.

Table 4.3: Neutral point and static margin overview

Neutral point, 𝑥፧፩ [𝑚] Static Margin, 𝑆𝑀 [%]

Second wind tunnel campaign 1.422 22.87
Third wind tunnel campaign 1.402 20.48

For trim, the position of the centre of gravity plays an important role in the sense if it is placed
in front or behind the neutral point. For this section the pitching moment is discussed without the
influence of the deflection of the control surfaces. This means they rest in zero degrees deflection
and the Flying V acts as a wing only aircraft without any other active control surfaces. To trim the
aircraft without the interaction of the control surfaces, the centre of gravity can be used as a trimming
device. If the centre of gravity is placed in front of the neutral point, the wing will be stable for external
aerodynamic disturbances like gusts. If the centre of gravity lies aft of the neutral point, the wing is
unstable to any external aerodynamic disturbances in the sense that an increase in angle of attack will
result in an even larger growing angle of attack. By placing the centre of gravity on the location of the
neutral point, the wing will be neutrally stable and ’trimmed’, meaning that an external aerodynamic
disturbances will not affect the state of the wing.

By having a mechanism which is able to move the centre of gravity in front and aft of the neutral
point, theoretically the wing should be able to fly in a stable manner. By having a fast weight moving
mechanism, the wings centre of gravity can be moved towards the front of the neutral point in case of
any disturbances. In case of the need to change the angle of attack, the weight can simply be moved
in front or aft of the neutral point. In case no external aerodynamic disturbances are acting on the
wing, the wing can be trimmed by placing the centre of gravity on the location of the neutral point.
For the range between zero and twenty degrees angle of attack, the neutral point location is known
and it may therefore be theoretically possible to trim the aircraft without the influence of any control
surfaces.
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Figure 4.10: MAC and neutral point location visualisation
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4.2. Flow Visualisation Interpretation
Flow visualisation is an important measure of determining the state of the flow around the model.
In section 4.2.1, the definitions used in the remaining of the chapter are discussed and explained.
During the wind tunnel campaigns, three different methods were used. The first method was the oil
visualisation, which can be found in section 4.2.2. The second method used was by means of tufts,
where both pictures and videos were taken from the model. This can be found in section 4.2.3. The
last method used for the visualisation of the air was smoke and can be found in section 4.2.4. The
smoke was used to look outside the boundary layer, as the oil flow and tufts only indicate what happens
within the boundary layer at the surface of the wing.

4.2.1. List of Definitions
In this section the definitions with respect to the oil flow techniques are discussed and explained.
The definitions are terms used for the remaining of the chapter, where the flow will be analysed and
discussed. The definitions used for the discussion are as follows:

• Vortex: a flow which features a pattern in the shape of spiral. This spiral has a centreline where
the vortex rotates about. In the topology layout the vortex can be recognised by a flow moving
from an attachment line towards a separation line. The vortex flow usually features a S-shaped
pattern on the surface of the wing.

• Attachment line: a point or line indicated where the vortex hits and attaches to the surface of
the wing. In the topology layouts, the attachment line is indicated by the dotted lines.

• Separation line: a point or line indicated where the vortex separates from the surface of the
wing. As local flow from the vortex is separated from the surface, it moves into the spiral away
from the wing. In the topology layouts, the separation line is indicated by the dash-dotted lines.

• Primary vortex: the vortex which is the largest and most dominant indicated.

• Leading edge separated vortex: the vortex which originates at the crank of the wing and is
formed just in front of the leading edge where the corner of the crank is located.

• Counter-rotating vortices: a set of at least two vortices near to each other which counter-
rotate around their centreline. As a result, the side where the two vortices meat have the same
direction and the same attachment line. Over the surface, the direction of the flow is in an
opposite direction. Both vortices feature their own separation line.

• Cross-flow: a flow which features a different direction due to pressures and isobars compared
to the direction of the undisturbed flow. Angles might be Cross-flow is sometimes also referred
to as transverse flow.

• Isobars: representation of the pressure distribution of the local airfoils over the complete wing
surface.

• Streakline: the line which is created by the movement of all fluid particles that have passed
continuously through a particular spatial point in the past. The long streaks found by the oil
visualisation are for example a measure of streaklines.

• Pathline: a trajectory featured by an individual fluid particle.

• Streamline: a line which is tangent to the velocity vector of the flow by a mass-less fluid
element. In a steady flow, the streaklines, pathlines and streamlines coincide due to a constant
velocity-field over time.

• Pressure gradient: slope or pressure difference between different pressure regions over the
surface of the wing.

• Boundary layer: a layer of the fluid which creates a bounding surface between the wing surface
and the undisturbed flow. Within the boundary layer viscosity effects are significant.
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• Flow separation: if the influence of the adverse pressure gradient to the velocity inside of the
boundary layer. If the relative boundary layer velocity to that of the surface of the wing is zero,
than the flow detaches from the object.

• Suction peak: the area on the surface of the wing where the lowest pressure is recorded.
Usually this is just aft of the leading edge.

• Lift recovery: as the maximum lift is reached, a region beyond this certain angle of attack may
cause some stabilising behaviour for the lift. As the wing was originally stalled after the maximum
lift angle, the stabilising behaviour is caused by local flow generating very low pressure regions.
Usually drag recordings are high due to large areas of flow separations and/or vortices.

4.2.2. Oil Flow
In this section, the results of the oil flow experiments are discussed. The oil flow data is taken from
the second and third wind tunnel campaign. For both the campaigns, the model was painted black
to provide the sharpest pictures with the lowest surrounding reflections in order to maximise the data
quality. The surface roughness between the campaigns was preserved to ensure similar test conditions.
The experiments performed during both the campaigns was conducted at a velocity of 18 meters per
second at various angles of attack ranging from 5 to 50 degrees. An impression of the pictures taken
during the experiment can be found in figure 4.11. This picture was taken at an angle of attack
of 22 degrees. To simplify the analysis and clarification of the pictures taken of the oil during the
test, topology layouts of the pictures have been made. The results can be found from figure 4.12
through 4.32. Please note that for a more universal approach the orientation of the topology figures
are mirrored, so that the air flows from left to right. For the pictures taken during the experiment, the
air flows from right to left. The pictures taken during the experiment can be found in Appendix A.

This section is split into different subsections. In section 4.2.2.1, the topology layout for low angles
of attack between 5 and 9 degrees are discussed. Section 4.2.2.2 discusses the medium angle of
attacks between the 11 and 17 degrees angle of attack. From section 4.2.2.3 onward, the topology
layouts for high angle of attacks are presented per one degree instead of per two degrees. This is done
for the angles between 19 and 23 degrees angle of attack. In section 4.2.2.4 the very high angles of
attack between 25 and 50 degrees angle of attack are presented and discussed.

Figure 4.11: Oil visualisation for 22 degrees angle of attack
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4.2.2.1. Topology Layouts for Low Angles of Attack (5 - 9 degrees)
In figure 4.12, the topology overlay of the picture taking during the experiment for 5 degrees angle
of attack is shown. The velocity of the air during the experiment was 18 meters per second, which
is equal to a Reynolds number at the Mean Aerodynamic Chord (MAC) of 994.000, which is about 1
million. In this figure an overlay for the contours of the wing is made. It is shown by the thick borders
what are the edges of the wing as shown in figure 4.11. Furthermore, two horizontal lines defined by
a stripe and a dot indicate where the local airfoil is positioned at the kink of the leading edge and the
kink of the trailing edge. At the leading edge of the wing, a parallel line defined as a stripe and two
dots indicate the location of the zig-zag strip on the suction side of the wing. The think lines with the
arrow show the wall shear stress factor of the flow acting on the surface of the wing. The thick dotted
lines indicate regions where a change in direction or a pattern change takes place.

From figure 4.12, it is seen what the flow direction at the surface of the wing is. The flow is
completely aligned and shows no sign of separation. It is also seen that the direction of the flow below
the leading edge kink is different compared to the region above the kink. The direction of the flow
above the kink is almost parallel with the air flow in front of the wing. This is not the case for the flow
below the kink. Here, the flow tends to move down due to the alignment of the isobars. The alignment
of the isobars represents the pressure distribution of the local airfoils over the complete wing surface.
The air flow is subject to the local pressure gradient, meaning it will bend towards the highest suction
pressure. This is because of the pressure gradient being the highest in the perpendicular direction of
the isobars. After the suction peak, the movement is reversed due to an adverse pressure gradient
into the outboard direction [39]. An illustration can be found in figures 4.13a and 4.13b. Therefore,
the direction of the flow below the kink can be explained due to the alignment of the isobars having
a higher sweep angle compared to the the isobars above the kink. The higher the sweep angle of the
isobars, the more dominant the movement of the particles, and thus the flow, is to follow the S-shape.
As the sweep angle above the kink is smaller compared to below the kink, the isobars have a lower
sweep angle and thus have a lesser S-shape and a more parallel movement to the flow.

Wingtip

Zig-Zag strip

Leading edge kink

Zig-Zag strip

Trailing edge kink

1st control 
surface

2nd control 
surface

3rd control 
surface

Wingroot
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Figure 4.12: Oil visualisation for 5 degrees angle of attack



4.2. Flow Visualisation Interpretation 47

Looking at the trailing edge of the wing, it is seen that below the kink there is a very thin region
of trailing edge separation. Along the chord length the flow follows the S-shape and recovers due to
the adverse pressure gradient after the suction peak. The surface flow gets parallel to the undisturbed
flow and at the trailing edge itself, the flow drops down with the gravity, indicating minor trailing edge
separation occurred.

In the region near the root, there is the phenomena where the boundary layer of the plate grows
and impacts the flow on the wing [40, 41]. The boundary layer growth over the length of the plate
influences the growth of the boundary layer of the surface of the wing. The splitter plate and the
peniche used during the experiment minimised the effect of the boundary layer of the plate on the
wing. However, here it can be seen that the effect is not cancelled out and that it leads to a small area
of low flow velocities where the oil has a tendency to move down with gravity instead of following the
direction of the undisturbed flow.

Looking into the section above the trailing edge kink, it can be seen that the lower control surface
has a renewed boundary layer from the slot where the control surface it attached to the wing. An
explanation for this is that the gap between the control surface and the wing have an effect on starting
a new boundary layer from the slot. Another explanation is that some air is pushed through the slot
from the pressure side of the wing to the suction side of the wing, creating a new boundary layer [42].
A last explanation is that there is a slight misalignment between the control surface and the wing,
where the control surface is positioned slightly higher compared to the wings surface. This may lead
to a renewed boundary layer as well. After the renewal of the boundary layer, the flow at the trailing
edge of the control surface stalls off in a way that the local flow velocity in the boundary layer is not
high enough to withstand the gravitational forces.

At the upper two control surfaces, the boundary layer at the gap between the control surface and
the wing is renewed as well, but no trailing edge separation takes place. The flow direction at the
surface of the control surface is completely parallel to the direction of the undisturbed flow. The two
gaps between the control surfaces imposes a slot where the air flows through from the pressure side
towards the suction side and separates the edges of the control surfaces.

(a) Isobars of a backward-swept wing [39]

Centre region of
sweptback wing

Tip region of
sweptback wing

Sheared wing
of infinite span

(b) Streamlines of a backward-swept wing
[39]

Figure 4.13: Illustration of isobars and streamlines of a backward-swept wing
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Continuing to the next angle of attack, the topology layout for the angle of attack of 7 degrees can
be found in figure 4.14. In the figure it is shown how the flow transformed from 5 to 7 degrees angles
of attack. Differences are seen in the region of the trailing edge below the kink and on the first control
surface. The S-curves seen on the wings surface at the angle of attack of 5 degrees are still present
at this angle of attack of 7 degrees. Furthermore it is seen that the S-shaped curves in the region
between the trailing edge kink and the leading edge kink changed into a flow being more parallel to
the undisturbed air flow.

Looking into the region from the root till the trailing edge kink, it is seen that at the trailing edge
a new front has formed that changed the direction from the s-shaped flow, at around two thirds of
the local wing chord length, into a more parallel flow. Around the kink also the first signs of cross
flow is noted. With a cross flow it is meant that the flow is not following the parallel directions of the
undisturbed flow, or the the s-shaped curves due to the isobars on the wing. The cross flow for the
Flying V is defined as the flow being sucked towards the tip of the wing. This phenomena is caused
by local low pressure areas, local tip separation and/or vortex creation. The trailing edge itself of the
region between the root and the trailing edge kink still shows a thin region of separation by the fact
that the oil runs down with gravity.

The flow on the first control surface is still facing a renewed boundary, but a small region of trailing
edge separation as well. The flow on the second control surface had no trailing edge separation at an
angle of attack of 5 degrees, but starts to show separation at this angle of attack of 7 degrees. Also
the gap between the first and second control surface shows a more dominant region of separation,
giving that the airflow is not affected by the region and moves around the small region.

Cross flow

Figure 4.14: Oil visualisation for 7 degrees angle of attack
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Moving on to the next angle of attack of 9 degrees, the topology layout can be found in figure 4.15.
From the last angle of attack to this angle of attack, the flow has undergone a transformation round
the kink of the trailing edge where the airfoil change occurs. It is clearly seen how the flow from the
leading edge is turned in a cross flow towards the tip, but halts exactly on the section where the airfoil
change occurs. A line of separation is noticed, where the dye of the oil is clustered together on the
section where the airfoil is positioned. This is showed by a single black line.

The reason for the separation to occur is the fact that the cross flow is facing a sudden ’downhill’
gradient of the surface on the location where the airfoil profile is located. This sudden change in
surface direction leads to an adverse pressure gradient, which imposes separation of the air. Above
the separation line drawn in solid black, it is seen that the streamline which was above the airfoil airfoil
location is not affected by the separation occurring. The cross flow streamline tends to move on in the
same direction as the separated cross flow streamline did below the line of separation.

What furthermore can be seen is that the flow is from the root to the kink in at the leading edge
moves in a direction more along with the undisturbed flow direction. Just after half of the local chord
length this pattern changes and after the first dotted line it moves down drastically before it recovers
and goes parallel to the undisturbed flow or even slightly transverse towards the tip. At the trailing
edge, the flow between the root and the trailing edge kink is still facing minor separation due to the
oil moving down with gravity.

At the first control surface, it is seen that the flow it disturbed by the rapid changes in direction
of the streamlines. At the lower side of the first control surface, it is seen that the streamline cluster
together, while at the top of the control surface there is a small region of separation due to the gap
between the first and the second control surface. For the rest of the tip the flow is undisturbed and
completely attached to the surface.

Separation line

Figure 4.15: Oil visualisation for 9 degrees angle of attack
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4.2.2.2. Topology Layouts for Medium Angles of Attack (11 - 17 degrees)
The next angle of attack investigated is the angle of attack of 11 degrees. In figure 4.16 the topology
layout of the flow can be found. At the location of the crank, there is a formation of a vortex coming
from the kink at the leading edge which spreads in the direction of towards the tip towards the trailing
edge of second and third control surface. From this angle of attack onward, the vortex from the leading
edge kink will be present at higher angles of attack as well and will change in strength, dimension and
direction.

The vortex by means of an ultra violet dye ingested oil can be identified by a separation and an
attachment line. The separation line is identified by the roll-up motion of the vortex, which leaves the
surface. As a result of this, the direction of the vortex streamline goes into a S-shape and goes moves
into a thick line of ultra violet dye. At the other side of the thick line of the ultra violet dye, there is
another pattern of streamlines going into the line of separation as well. The attachment line of the
vortex is identified as the pattern where a line can be formed that expands the streamlines into two
’departing’ directions. One of the vortex rolling onto the surface of the wing in the S-shaped direction
and the other of regular aligned flow [43].

The generation of the vortex from the leading edge kink is initiated by the two angles of the leading
edges coming together, to create a leading edge separated vortex [44–46]. The leading edge separated
vortex increases the local suction pressure and adds to the postponement of separated flow at higher
angles of attack. Because of this leading edge separated vortex, the control surfaces are less prone to
normal separation and remain effective for higher angles of attack.

Furthermore it is observed that the cross flow below the trailing edge kink gets stronger and a
larger region is affected by the cross flow. This can be seen by the fact that the separation line located
on the airfoil section got larger towards the leading edge and that the trailing edge separation region
reduced towards the root.

From this angle of 11 degrees angle of attack onward, it is observed in figure 4.2 that the lift curve
is increasing in lift slope. The vortex acting on the wing does impose an additional lift and is therefore
referred to as vortex lift. This effect gets stronger by increasing the angle of attack.

Separation line

Attachment line

Figure 4.16: Oil visualisation for 11 degrees angle of attack
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In figure 4.17, the topology layout of the oil flow picture taken at 13 degrees angle of attack can
be found. At this angle, it is observed how another vortex is rolling close and parallel to the trailing
edge between the root and the trailing edge kink. This can be seen by the attachment and separation
line visible close to the trailing edge. Furthermore, a new vortex is seen between the lower local airfoil
location at the trailing edge kink and the new formed separation line.

Two new separation lines are formed at the leading edge near the leading edge kink. The leading
edge separated vortex which was first observed at 11 degrees now changed its attachment line location
to the new separation line located on the upper local airfoil location. The new lower separation line
located near the leading edge kink does not indicate a vortex pattern, but just visualises a single line
of separation.

Furthermore, at the third control surface it is seen how a suction region pulls the streamlines onto
the surface. No signs of separation are present at this control surface and therefore the control surface
is said to be effective. This means that at higher angles of attack the outer control surface, which
is used for rolling motions, will be effective and make the airfoil roll. It has to be noted that this is
derived from the picture taken where all control surfaces are fixed at their zero deflection angle. It is
not investigated by the oil flow till what angle of attack combined with the deflection angle the outer
control surface will be effective.

At this angle of 13 degrees angle of attack, it is seen in figure 4.3 that the vortex lift slope gets
stronger and adds lift to the linear lift slope. This means that the vortices acting on the suction side of
the surface add an additional lift compared to when the vortices were not present.

Separation line

Separation line

Attachment line

Separation line

Figure 4.17: Oil visualisation for 13 degrees angle of attack
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The next topology layout is based on the oil flow picture taken at the angle of attack of 15 degrees.
The topology layout can be found in figure 4.18. In this figure it can be seen that another separation
line is formed near the leading edge below the leading edge kink. From this line no streamlines are
’departing’ meaning there is cross-flow, but no actual vortex. Below the new formed separation line
there are streamline forming from the separation line, meaning there is a small region where a new
vortex is formed.

At the wing tip, it is observed how the attachment line of the leading edge separated vortex has
released itself from the corner where the airfoil is located. It now follows the direction of the vortex
more and it clearly visualised how streamlines are departing in both directions from the attachment
line. Due to this, there is no separation located on the second control surface.

Between the root and the lower airfoil location there is a new formed attachment line which goes
towards the lower airfoil location, overshoots it location and returns towards the separation line of the
vortex located at the trailing edge. This new formed attachment line indicates a new and larger vortex
moving at the region from mid chord of the lower airfoil location towards the entire first control surface.
Therefore, at the first control surface, no separation is noticed as well.

Furthermore it is observed at the leading edge between the root and the leading edge kink that the
streamlines do not face a downward S-shape any more. The patters has due to the angle of attack, the
blunt nose, the vortices and the cross-flow over the surface changed into a direction which is parallel
to the undisturbed flow.

Separation line

Attachment line

Attachment line

Figure 4.18: Oil visualisation for 15 degrees angle of attack
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The next angle of attack investigated is the angle of attack of 17 degrees. The topology layout can
be found in figure 4.19. The flow at the suction side of the surface is facing more and more vortex
flows as the angle of attack is increased. At this angle of attack, there is a number of 5 different
vortices flowing over the surface of the suction side of the wing. Two additional vortex like structures
are observed just underneath the leading edge kink, but since their streamlines do not depart from an
attachment line, this is not considered as a vortex even though they have a separation line.

Not a lot of change is observed by going from 15 degrees to 17 degrees angle of attack. The main
differences are found in the vortices getting stronger. Especially the vortices labelled as the first and
the third gained strength by the fact that their surface area got bigger. The separation line of the first
vortex moved towards the leading edge, while the same applied for the third vortex.

Two regions of separation get larger as the angle of attack is being increased. The first noticeable
region is the wingtip, where separation is noticed due to the ultraviolet dye in the oil moving down due
to gravity. The second region of separation is observed at the root, where the region of oil dripping
down gets larger towards the trailing edge as well. Beside these two regions, no major separation is
noticed over the suction side of the surface.

1

2

3

4

5

Separation line on kink
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Figure 4.19: Oil visualisation for 17 degrees angle of attack
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4.2.2.3. Topology Layouts for High Angles of Attack (19 - 23 degrees)
Increasing the angle of attack leads to the topology layout at 19 degrees found in figure 4.20. It this
angle of attack, a total of 7 clear noticeable vortices are found through observing both their attachment
and separation lines. The 7 different vortices all have cross flow over the surface rolling towards the
tip and increasing additional vortex lift to the linear lift of the wing.

The main difference compared to the last angle of attack which was at 17 degrees, is that the
separation line of the first vortex defined in figure 4.19 let go of the local airfoil location and moved in
the transverse direction with the vortex itself. Due to the movement of the separation line, this vortex
has now become the strongest vortex and impacts the lift coefficient the most.

Furthermore, three new attachment lines have formed to create their own vortex. The two regions
near the leading edge where at the last angle of attack only cross flow was observed now turned
into small vortices as well. The lower new attachment line turned into a closed attachment line at
the bottom, closing the path toward the separation line of the first vortex. This attachment line was
already visible at the last angle of attack as well and created its own vortex, but it moved a lot and
closed the inlet path compared to this angle of attack.

From this angle onward, the angle of attack is increased by one degree instead of two degrees in
order to clearly show the development of the flow over the surface around the region where the vortex
lift turns into a decrease in lift slope. The development of the flow will tell how the vortices develop
and influence the lift characteristics of the wing.

Attachment line

Separation line movement

Attachment line

Attachment line

Figure 4.20: Oil visualisation for 19 degrees angle of attack
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The next angle of attack investigated is at 20 degrees. The topology layout can be found in figure
4.21, where it is seen that the primary vortex is now added with an attachment line. This attachment
line comes from the boundary where the initial root separation originated from. The closed region of
root separation turned into a region of root separation and trailing edge separation. Because of this
small loss in vortex surface area, it is also observed in figure 4.3 that the lift slope is now at its original
value of around 0.03. Looking into the figure, it is observed that this increase of lift slope is turned
into a lower lift increase than at the original linear slope below the 10 degrees angle of attack.

Furthermore, the two vortices at the leading edge of the wing below the leading edge kink turned
into cross flow, as the streamlines do not originate from an attachment or separation line any more.
The attachment line discussed at the last angle of attack which closed the patch by growing towards
the separation line of the main vortex now is released from the separation line again. This as a result
shows a very long streamline travelling from the leading edge parallel to the undisturbed flow into a
cross flow until it reaches a separation line.

At this angle of attack, it is seen in figure 4.6 and 4.8 that the sign of the stability derivative
switches from positive to negative and that the trend of the moment coefficient is therefore changed
from a negative slope into a positive slope. It is also seen in figure 4.11 that the neutral point of
the wing changes location and lies in front of the centre of gravity, which explains what is happening
with the moment coefficient and the stability derivative. The centre of pressure seen in figure 4.7
confirms the behaviour of the neutral point and indicates that the centre of pressure location is at its
furthest aft position and will move towards the nose. Looking into the topology layout of this angle of
attack, it is seen that separation occurs at the trailing edge near the root and at the wingtip, but no
further separation is observed indicating that the centre of pressure indeed will move forward. Another
explanation for this is that the strength of the vortices flowing over the surface of the wing are changing
in strength and they will therefore give another pressure distribution over the wing.

Attachment line

Trailing edge separation

Figure 4.21: Oil visualisation for 20 degrees angle of attack
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Increasing the angle of attack by one degree leads to the topology layout at 21 degrees angle of
attack, as found in figure 4.22. At this angle of attack it is observed how the separation line of the
primary vortex switches from position. At the last angle of attack, the separation line was connected
to a lower separation line than at this angle of attack. By increasing the angle with one degree, the
separation line of the primary vortex switched towards the separation line closer to the leading edge.
This results in an even larger area of the primary vortex.

The separation line where the primary separation line was first attached to still is still visible on the
surface by the oil. The separation line sits in the middle of the primary vortex and splits the primary
vortex into two segments. The bigger segment flow around the separation line along the trailing edge
toward the direction of the wingtip, while the segment closer to the leading edge is interrupted by the
old separation line. The old separation line creates a small attachment line, which creates one small
vortex flowing the leading edge until it reaches the new separation line of the primary vortex. The
other side of the attachment line creates streamline which do not specifically generate a new vortex,
but more like a cross flow, which is interrupted as they cross the new separation line of the primary
vortex as well.

The region near the root and the trailing edge where a small segment of trailing edge stall was
observed at the last angle of attack has grown a bit and therefore adds to the loss of lift and the
increase of lift. Besides this area and the wingtip which shows small signs of separation, there is no
major area where separation of the air occurs. Because the wingtip shows more signs of separation,
this may add to the argument of separation mentioned at the last angle of attack for the movement
of the centre of gravity towards the nose. Loss of suction force at the tip will namely lead to another
pressure distribution and will make the centre of pressure move towards the nose.

Separation line switches position

Figure 4.22: Oil visualisation for 21 degrees angle of attack
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At this angle of attack of 22 degrees it is seen in figure 4.23 that the separation line which split the
primary vortex at the last angle of attack has vanished. The primary vortex now sustains the entire
area without being affected by any attachment or separation line inside the vortex at the surface of
the wing. The primary vortex has now completely grown to its final shape and continues to develop
over the coming angles as the angles of attack are being increased.

Looking into what the primary vortex effects, it is seen that the vortex originates from the root, gets
wider towards the wing tip as it progresses parallel to the leading edge and flows off the surface of the
wing as it completely went over the first control surface area. The area the primary vortex covers is
large in the sense that the surface of the wing faces almost a complete cross flow instead of a S-shaped
or straight flow. This is different compared to what a swept wing of a conventional aircraft usually faces
[47, 48]. Here the regions of cross-flow are meanly in the regions near the tip, at the location where
separation occurs as well. By looking into highly swept blunt leading edges, it is observed that leading
edge vortices will dominate through a large range of angles of attack [10].

The leading edge separated vortex has developed over the range of angles of attack starting from
11 degrees toward this angle by the movement of the attachment and separation line. The separation
line has developed by moving higher towards the wing tip. First, the separation line of the leading
edge separated vortex was in the direction where the attachment line is right now, ending half over
the second surface. Over the angles of attack between 11 and 22 degrees, the separation line has
moved towards the wingtip, where the separation line exactly lies onto the gap between the second
and third control surface. The attachment line has developed by first being unstable and switching
from the upper airfoil location towards the wing tip where it reaches the half wing span of the second
control surface. Because of this, the vortices created at both sides of the attachment line result in that
separation of the airflow is delayed to higher angles of attack and that therefore the second control
surface remains effective for a larger range of angles. Again, this is not visualised by the oil by deflecting
the control surfaces, but this is confirmed by the trim data in section 5.2.

Separation line vanished

Attachment line

Figure 4.23: Oil visualisation for 22 degrees angle of attack
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The topology layout for the angle of attack of 23 degrees can be found in figure 4.24. Differences
with respect to the last angle of attack are that the separation line which was present at the leading
edge between the root and the leading edge kink has vanished. The turns the region into a cross flow,
with characteristics of a vortex. This is due to the fact that the flow originates from an attachment line
and ends in a separation line, seen by the streamlines.

Furthermore, the primary vortex has moved a little towards the leading edge and decreased in size.
This is probably due to the high angle of attack and the fact that at the trailing edge of the root the
region of separation is growing with each increment in angle of attack. The height of the primary vortex
now till three quarters of the first control surface. The separation line of the leading edge separated
vortex is not located at the gap between the second and third control surface any more. The separation
line moved towards the wingtip, which results in the leading edge separated vortex to have an effect on
the third control surface as well. Besides the separation at the root and the separation at the wingtip,
there is no sign of a separation region observed.

As seen in figure 4.2 and 4.3, the lift slope is not as high any more as it was at its peak at was
between the 10 and 20 degrees angle of attack. Also, the lift coefficient is increasing with a slower
rate due to the lower lift slope, which is an indication that lift loss is occurring on the surface. Looking
into the topology layout, the vortices are still acting onto the surface of the wing, but the loss in lift is
explained by the growing separation at the root, the trailing edge and the wingtip.

Separation line vanished

Figure 4.24: Oil visualisation for 23 degrees angle of attack
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4.2.2.4. Topology Layouts for Very High Angles of Attack (25 - 50 degrees)
The next angle of attack investigated is at 25 degrees, as can be found in figure 4.25. From now on, the
angle of attack will be increased with an increment of two degrees per time, until the angle of attack
of 35 degrees is reached. It is seen that the attachment line at the leading edge between the root and
the leading edge kink has moved and lies onto the lower airfoil location. This means that the sudden
change in surface angle causes the flow not to separate, but to initiate a new starting point of the flow.
The flow from the attachment line lying on the lower airfoil location moves towards separation line of
the primary vortex, as well as the separation line which is towards the wingtip. The flow coming over
the leading edge flows towards the separation line in the direction of the wingtip. This means that the
flow is surrounded by two different separation lines.

At the first control surface, it is seen that a new separation line has formed, originating at the gap
between the control surface and the main wings surface, flowing towards the second control surface
where it merges with the separation line of the primary vortex. The air flowing through the pressure
side of the gap towards the suction side of the surface leads to interactions with the primary vortex,
which creates this separation line. The flow itself does not show a region of separation, but instead
the separation line of a part of the primary vortex which rolls over the first control surface.

At the root, it is also observed that a new attachment line has formed, which was not present at
the last angle of attack. The new formed attachment line shows a small region of separation at the
left, while at the right there still is a region of attached flow. This region is the beginning of the real
separation of the root section, which start at the trailing edge of the root. The separation is as earlier
explained due to the boundary layer interaction with the splitter plate and the wing.

Attachment line on kink
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Figure 4.25: Oil visualisation for 25 degrees angle of attack
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In figure 4.26, the topology layout for the angle of attack of 27 degrees can be found. In this
layout, it is seen how the flow developed from 25 to 27 degrees angle of attack. The main differences
are found in the reduction of the area covered by the primary vortex, the growth of root separation
and the movement the attachment line near the leading edge which was on the lower airfoil location
towards the root.

The movement of the attachment line to the position below the lower airfoil location is a first sign of
the flow over the leading edge of the wing being distributed by the increasing angle of attack. The flow
starts the attachment line at a lower location as the radius over the leading edge is larger compared
towards the wingtip. Above the attachment line, it is therefore seen that the streamline only comes
from the attachment itself and are not entering from the leading edge any more. A cross flow prevents
the air from coming over the leading edge and flow over the suction side of the surface.

The attachment line of the leading edge separated vortex moved down towards the first control
surface. Furthermore the separation line of the leading edge separated vortex moves up toward the
wing tip. By this, the origin of the vortex is not from the point in the leading edge corner any more.
Instead, the front side of the vortex now covers a wider region. The area the vortex covers also has
grown bigger, indicating the vortex has grown stronger as the angle of attack was increased to 27
degrees.

Attachment line below airfoil location

Figure 4.26: Oil visualisation for 27 degrees angle of attack
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At the angle of attack of 29 degrees multiple changes have occurred, as can be seen in the topology
layout found in figure 4.27. Starting at the first control surface, it can be seen that the separation line
has vanished. Because this occurred, the primary vortex which was split due to the separation line at
25 and 27 degrees angle of attack now recovered into a single vortex. Furthermore, the attachment
line at the root has vanished. This leads to the fact that the region of separation is not directly coming
from the attachment line any more, but originates from the root section as can be seen from the
streamlines. Also, in this region trailing edge separation occurs, leading to loss of lift and increase in
drag. The movement of the attachment line of the primary vortex towards the leading edge of the
wing decreased the size of the primary vortex. In figure 4.3 it can also be seen that around the angle
of attack 30 degrees lots of small changes in the lift slope are seen. This behaviour is explained by the
movement of the attachment and separation lines, as well as the changes in strength of the vortices
and the growth of separation over the wing.

Looking into the leading edge of the wing, one new separation line and two attachment lines are
observed. The separation line exactly overlaps the attachment line which was observed at 27 degrees
angle of attack, meaning the attachment line has become an elongated separation line. Close to the
separation line of the primary vortex, a new attachment line has appeared, giving the presence of
another small vortex in front of the primary vortex. This vortex is placed towards the leading edge and
is surrounded by the new separation line and the separation line of the primary vortex.

Above the separation line of the new vortex, another new attachment line is formed, giving presence
to another vortex rolling into the opposite direction as the one below closer to the root. Also seen from
this attachment line is that the streamlines are moving over the leading edge of the wing towards the
pressure side of the wing. This can be explained by the fact that the location of the air to hit the static
point has shifted towards the pressure side by increasing the angle of attack. As a result, the airflow
from the attachment line moves in a S-shape towards the leading edge and rolls into a counteracting
vortex off the surface.
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Figure 4.27: Oil visualisation for 29 degrees angle of attack
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The topology layout for the angle of attack of 31 degrees can be found in figure 4.28. As was
discussed at the previous angle of attack at 29 degrees, the separation line near the leading edge
became an attachment line. At this angle of attack, the newly formed separation line switched back
to an attachment line. The separation line gave rise to a small vortex regime at the previous angle of
attack, but the new attachment line at the current angle of attack creates a small vortex regime into
the other direction towards the separation line of the primary vortex. Furthermore, the bottom side of
the attachment line was closed by a separation at the previous angle of attack. At the current angle of
attack this gap is open, but it does not necessarily lead to inflow, as the flow in the channel originates
from the attachment line. Due to the high angle of attack and the attachment line near the leading
edge of the wing, the pattern of the flow going over the nose in the rolling vortex motion is maintained
and grown into a slightly larger area.

Furthermore at the leading edge kink, it is seen that the attachment line moved towards the root
and lies onto the upper airfoil location. The difference in surface inclination leads to the movement
of the attachment line to the point where both surfaces meat at the kink. Due to this, the lead edge
separated vortex increased in area and now covers half the wing tip. This includes part of the first and
third control surface, including the full second control surface. The separation line of the leading edge
separated vortex halts at the gap between the third control surface and the wing, where the renewal
of the boundary layer causes the separation line to disappear.

Near the trailing edge kink, two differences have been observed compared to the last angle of attack.
The first difference is that the separation line on the first control surface reappeared and is causing a
line of where the vortex comes lose from the surface. Again, this separation line causes the primary
vortex to break into two different vortices. The second difference observed is that the attachment line
below the trailing edge kink is not connected to the trailing edge anymore. Because of this, the flow
below the attachment line is now able to flow away over the surface into the primary vortex. Also, the
attachment line has moved up, meaning that the area of the primary vortex is reduced, which causes
a loss of lift. The region of separation near the root and the trailing edge is increased as well. It is also
seen that at the root, a big region of separation is causing the oil to move down with gravity, meaning
no actual flow is occurring at this section on the surface on the wing.

Separation line becomes attachment line
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Figure 4.28: Oil visualisation for 31 degrees angle of attack
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Looking into the next angle of attack of 33 degrees, it is seen the flow developed in several places.
The topology layout for this angle of attack can be found in figure 4.29. At the leading edge of the
wing, it is seen that the attachment line which was created at the previous angle of attack has broken
down and turned into a separation line. The old attachment line is still visible and can be found at
the leading edge further towards the wing tip. The attachment line still creates a vortex towards the
separation line of the primary vortex, but the vortex into the direction of the leading edge is not further
occurring.

At the leading edge kink, it is seen how a new separation line has developed. This separation line
causes the leading edge separated vortex to break down into two smaller counter-rotating vortices.
One of them is still defined as leading edge separated, while the other one is a normal and smaller
vortex. The attachment line which moved down towards the upper airfoil location is remains at its
place. The separation line of the leading edge separated vortex moved down a little and now halts at
the gap between the second and third control surface.

At the first control surface it is seen how a new attachment line formed at the leading edge of the
control surface. This is caused by flow moving from the pressure side towards the suction side through
the gap between the wing and the control surface. This flow causes the boundary layer to be renewed,
which in turn forms a new attachment line. The flow from the attachment line is in a S-shape, which
indicates that the flow behaves a cross-flow. Because no separation line is observed, it is uncertain
whether this is a vortex or not. Because no separation itself is seen, the first control surface does not
show trailing edge separation.

At the root and the trailing edge, a new attachment line has been created. This new attachment line
in combination with the old attachment line which shrunk creates a gap where the air flows through
into the region of the primary vortex. Most of the surface airflow bound by the two attachment lines
show separation, meaning loss of lift and increase in drag will be more severe.

Attachment line breaks down to become separation line
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Figure 4.29: Oil visualisation for 33 degrees angle of attack
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The picture taken at an angle of attack of 35 degrees is the last picture taken in the detailed range
of angles of attack which is investigated. As the aircraft during flight will not fly at these high angles
of attack due to stability reasons as explained in section 4.1.2, only the moment of maximum lift and
lift recovery are recorded during the experiment. These results can be found in the next two figures.
The results for the angle of attack of 35 degrees can be found in figure 4.30.

Looking at the leading edge of the wing, two differences are observed. The first observation is that
the attachment and separation line merged together. This means that the attachment line transformed
into a separation line as the flow went from the root towards the tip. Furthermore, the separation line
seen at the previous angle of attack vanished and leaves the attachment line at the leading edge for
the creation of the vortices towards the separation line of the primary vortex and the vortex towards
the leading edge of the wing. It is also seen how the vortex which rolls over the leading edge of the
wing does not return, as the flow more towards the kink has a counter-rotating S-shape, indicating the
vortex does not have an influence on that particular region on the surface.

At the second control surface, it is seen how the air from the pressure side is pushed towards the
suction side of the wing through the gap between the control surface and the wing. This renews the
boundary layer of the flow, which in turn creates a new attachment line on the leading edge of the
second control surface. The flow from the attachment line is in a S-shape and does not show any signs
of trailing edge separation. The leading edge separated vortex is stopped by the new attachment line
and does not have an influence on the surfaces of the control surfaces any more.

The region at the root and the trailing shows more signs of severe separation, as the oil moves
down with gravity. At the trailing edge, it is seen how trailing edge separation is acting taking place
at the separated region. The wingtip shows a separated region as well, which in turn influences the
effectiveness of the third control surface.

Separation and attachment line merge

Separation line vanishes
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Figure 4.30: Oil visualisation for 35 degrees angle of attack
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At the angle of attack of around 41 degrees, it is shown by the lift results in figure 4.2 that the
maximum lift coefficient is reached. Therefore this angle of attack is also investigated by the oil, where
the results can be found in figure 4.31. At this angle of attack the lift slope is zero, which means that
the change of the flow around this point does not lead to a lift increase, but instead to a lift decrease.
As seen in the figure, regions of both separation, vortices and cross-flow combine to a situation where
the maximum lift of the wing is achieved.

At the leading edge of the wing, the attachment and separation line have vanished, meaning the
vortices which were present at previous angles of attack are not longer influencing the flow at the
surface of the wing. Instead, normal aligned flow combined with regions of small separation are now
observed from the leading edge. The primary vortex which was over most of the surface area of the
wing at previous angles of attack has shrunk by size. This is due to the separation line of the primary
vortex being moved down and the region of trailing edge separation on the control surfaces which
impact the primary vortex. At the root of the wing, the region of separation has shrunk a little as well
and now adds to the flow into the primary vortex, creating additional lift instead of lift loss and drag
increase.

At the leading edge separated vortex, a new attachment line has formed which halved the vortex
in size. Below the leading edge separated vortex, separation occurs which is being spread out towards
the trailing edge over the first and second control surface. The control surfaces themselves show signs
of severe separation as well. Only the region where the leading edge separated vortex still flows over
the second and third control surface no direct separation is observed, but the rest of the area of the
control surfaces do not show any aligned flow anymore. This also means that the effectiveness of the
control surfaces are zero to minimal, as it is not investigated how the flow behaves around the control
surfaces at these high angles of attack. Also, at these high angles of attack, the flow makes the aircraft
unstable such that any control effectiveness would not create a large enough compensation for the
wing to by statically stable again, as seen in figure 4.6.

Attachment and separation line vanished

Attachment line vanished

Trailing edge separation

Attachment line
vanished

Attachment line

Wingtip separation

Figure 4.31: Oil visualisation for 41 degrees angle of attack
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After the maximum lift coefficient has been reached, it is seen in figure 4.2 that after the lift loss a
region of lift recovery occurs. This is estimated to be around 50 degrees angle of attack. The results
with respect to this angle of attack can be found in figure 4.32. At this angle of attack it is seen how
the flow pattern is showing increased regions of separation and decreased regions of vorticity and
cross-flow.

For the primary vortex, it is seen how the separation line moved down and decreased the size of
the vortex. The separation line is not a straight line any more and shows a curve pattern, where on the
one side the vortex flow separates from the surface and on the other side the separated flow from the
leading edge is moving towards the oil towards to separation line. Where the vortex on the surface first
showed streamlines almost vertical towards the tip, the streamlines are now more parallel to the trailing
edge, indicating the strength has decreased. At the start point of the primary vortex, the separated
line and the attachment line come to a point, and do not let the vortex start at the root any more. This
region is now fully dominated by the boundary layer of the splitter plate and shows a large region of
separation near the trailing edge.

At the control surfaces it can be seen that all control surfaces have an attachment line at their
leading edge, indicating the air from the pressure side is being pushed towards the suction side. After
the renewal of the boundary layer, the air flow goes directly into a trailing edge separated flow and
do not show any sign of aligned flow. The leading edge separated vortex has grown a bigger by
the attachment line being vanished, although it is still blocked by the attachment lines of the control
surfaces. The wingtip itself shows regions of separation, where at the leading edge regions of aligned
flow towards the separation line of the leading edge separated vortex are observed.

Separation

Separation

Attachment line vanished

Trailing edge separation

Attachment line on
all control surfaces

Figure 4.32: Oil visualisation for 50 degrees angle of attack
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4.2.3. Tufts
Besides the experiments performed with the ultraviolet dyed oil, runs have been performed with tufts
equipped on the suction side of the wing. The experiment with the tufts are conducted in order to
verify the data gathered from the oil visualisation runs. The data from the oil visualisation pictures
taken during the experiment led to the topology layouts for a wide range of angles of attack, providing
argumentation on how the flow behaves and the lift and pitching results can be explained. By placing
tufts on the surface of the wing, the same topology layouts can be made and be overlapped with the
topology layouts of the oil visualisations to compare the effect of the wall shear stress factors by the
flow direction of the boundary layer just above the wall. Furthermore, a video of the tufts had been
made in order to check the vibrations of the tufts to provide information about unsteady and shedding
flows.

The tufts in practise work the same as the ultraviolet oil and give a visualisation of how the wall
shear stress factors at the surface of the wing are directed. During the experiment, the videos taken
are shot with a photo camera on a stand in High Definition at a 100 frames per second to maximise
data quality. Before the experiment was run, a list of angles of attack at specific time interval was
made to ensure synchronisation with the camera and the angle of attack of the wing.

For the results of the tufts, two different angles of attack are chosen to investigate the results of
the tufts. The angles of attack chosen are 15 and 29 degrees, for which at both angles a topology
layout of the tufts has been made. The velocity set during the experiment was 18 meters per second,
as is the same as performed during the experiments for the oil visualisations. An impression of the
tufts layout at an angle of attack of 11 degrees can be found in figure 4.33. The tufts are made out of
white coloured wool and is positioned by long stripes of yellow tape. The local velocity and direction
of the flow make the tufts turn into the correct direction.

Figure 4.33: Impression of the tuft configuration at 11 degrees angle of attack

For the comparison of the tufts with respect to the oil flow visualisation, a topology layout is made.
This layout for the angle of attack of 15 degrees can be found in figure 4.34. Here it is seen how the
tufts are aligned to the local flow direction. As some tufts show shedding behaviour, the average of
the tuft position is taken in order to show the averaged direction of the tufts at this angle of attack.
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Figure 4.34: Topology layout of the tuft configuration at 15 degrees angle of attack

In figure 4.35 the comparison between the results of the tufts and the oil visualisation can be
found. For the comparison, the tufts are coloured in red to show the direction of the flow. The tufts
are put over the streamlines to clearly show the differences in direction of the tufts with respect to the
streamlines from the oil visualisation.

In the figure it is seen that the direction of some tufts are not the same as the direction of the
streaks from the oil visualisation. Five different areas are found where the direction of the tufts do not
match the direction of the oil flow on the surface of the wing. The first area is from the root till the
first attachment line near the lower local airfoil location. From middle chord direction towards almost
the trailing edge of the wing, the tufts show a behaviour of cross-flow, while this is not the case seen
from the oil. The oil runs down a little, while the tufts have the opposite direction. A second region is
noticed at the trailing edge just below the trailing edge kink. Here in the oil flow it is observed how a
vortex rolls up from the trailing edge onto the surface, whereas the tufts show a behaviour where the
direction of the flow is away from the surface into the direction of the undisturbed flow.

A third region is located at the upper local airfoil location. In this region, the attachment line of the
leading edge separated vortex creates a vortex towards its lower placed separation line. Seen from
the tufts, this behaviour does not occur and the flow is towards the tip op the wing. A fourth area
noticed is at the leading edge, halfway between the leading edge kink and the wingtip. According to
the oil flow, the flow is aligned in a direction almost parallel to the undisturbed flow, but the tufts show
a pattern which is in the direction towards the tip. A fifth and last region is noticed near the leading
edge of the lower airfoil location. The oil flow indicated that the flow parallel to the direction of the
undisturbed flow, while the tufts show a vortex or cross-flow behaviour parallel to the leading edge
towards the leading edge kink.
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Figure 4.35: Comparison of the tuft configuration and oil visualisation at 15 degrees angle of attack
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To see whether the tufts provide a correct visualisation compared to the oil flow results, another
angle of attack at 29 degrees is chosen to compare the result to each other. The topology layout of the
tufts at this angle of attack can be found in figure 4.36. In this figure it is seen how the tufts are put
more into the direction of the wing, indicating the cross-flow behaviour observed earlier during the oil
flow experiments as well.

Figure 4.36: Topology layout of the tuft configuration at 29 degrees angle of attack

In figure 4.37, the comparison between the results of the tufts and the oil visualisation can be
found. Again, in this figure the topology layout of the tufts is placed onto the topology layout of the oil
visualisation. The tufts are coloured in red, while the streamlines from the oil visualisation are coloured
in black. Also the attachment- and separation lines are indicated to make a better understanding if the
comparison is made.

Comparing the tufts and the oil visualisation at this angle of attack results in a better matching
overlap as was the case at the angle of attack of 15 degrees. Especially in the second and fourth
region, improvements between matching directions of the tufts and the oil streaks have been observed.
Between the root and the upper airfoil location, the tufts in the centre of the surface are well aligned
compared to the streamlines from the oil visualisation. The only differences observed between the
root and the upper airfoil location are the leading edge and the trailing edge. In the first region at the
leading edge, the streamlines from the oil are in the upper direction away from the surface. The tufts
however show a different direction and are directed into the separation line. In the second region at the
trailing edge of the wing, the direction of the tufts are all into a cross-flow pattern, while the streamlines
from the oil show a direction which indicate signs of trailing edge separation. The third region above
the upper local airfoil location still shows a difference in direction between the tufts and the oil flow
streamlines. The tufts show a direction towards the tip, while the oil streamlines are directed towards
the trailing edge of first and second control surface.
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Figure 4.37: Comparison of the tuft configuration and oil visualisation at 29 degrees angle of attack
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The differences in the direction between the tufts and the oil flow visualisation can be explained
by the boundary layer. The first explanation is the thickness of the boundary layer, where the height
of the tufts may be larger than the boundary layer thickness. It is therefore more dominated by the
flow outside the boundary layer instead of within the boundary layer itself. The other explanation is
that in the lower part of the boundary layer, the flow at the surface behaves differently compared to
the upper part of the boundary layer. Therefore, the tufts may show a different direction compared to
the oil streaks. This was also discussed by Vos and Farokhi [39], where it was shown how the flow
direction within a boundary layer turned with the height of the boundary layer itself. In figure 4.38 an
impression of the rotating boundary layer due to a cross-flow component can be found.
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Figure 4.38: Impression of rotating boundary layer [39]

4.2.4. Smoke
The last flow visualisation method applied during the experiments was the smoke. The smoke was
injected into both the undisturbed flow and the boundary layer for a range of angle of attacks at the air
speed of 18 meters per second. By playing around with the amount of smoke produced and injected
into the flow, the quality of the data can be adjusted. By manually fine tuning the right amount of
smoke and the best layer of smoke was produced, videos of the smoke have been taken at High
Definition at 100 frames per second to maximise the quality of the recorded data.

It is observed during the test that the injection of the smoke into the flow is rather sensitive to the
location. As the smoke is expanded as it travels downstream, the smoke is transformed from a single
line of smoke into a wider cloud. By manually trying different settings and injection location, it was
observed that the cross-flows observed during the oil flow and tuft experiments are indeed vortices.
This can also be seen in figure 4.39, which features the wing at 41 degrees angle of attack.

In this figure it is seen how a single line of smoke enters from the right side of the picture. The
smoke follows the streamlines of the wind and visualises how the flow behaves over the surface of the
wing. It is clearly seen how the smoke enters over the leading edge of the wing and changes direction
due to the isobars as explained earlier by figure 4.13. Following the streamline towards the trailing
edge of the wing, it is seen how the flow curls down towards the surface and into the direction of the
wingtip. This creates the primary vortex which swirls over the surface in a cross-flow direction towards
the tip. It is also seen that the flow is stopped by the attachment line of the leading edge separated
vortex, seen earlier in figure 4.16. At the trailing edge of the wing the vortex leaves the surface and
flow further downstream with the wind.
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Figure 4.39: Primary vortex visualisation by means of smoke

By looking at the vortex, it is seen in figure 4.40 and 4.41 that at the pressure side of the wing
a counter-rotating vortex rolls compared to the suction side of the wing at the angle of attack of 41
degrees. By looking at how the smoke curls over the suction side of the wing, it is seen how it moves
towards the tip, as it leaves the surface and continues as a vortex. At the pressure side of the surface,
it is not visible what happens on the surface, but seen how the smoke behaves at the trailing edge of
the wing, at the surface the smoke has to go into a cross-flow direction towards the tip as well. Then
it rolls up in the counter-rotation motion compared to the vortex from the suction side of the wing. In
figure 4.42 an impression can be found where the smoke goes over both sides of the surface. Here it
is also seen how the vortices at both sides of the surface move in a counter-rotating motion.

Figure 4.40: Vortex at the suction side of the wing visualised by means of smoke
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Figure 4.41: Vortex at the pressure side of the wing visualised by means of smoke

Figure 4.42: Counter-rotating vortices at both sides of the wing visualised by means of smoke

Looking into the leading edge separated vortex, in figure 4.43 at 12.5 degrees angle of attack it is
seen how the smoke is positioned at the location where the separation line is located. In the picture
it is shown how the smoke it not visible in the middle section between the two fronts of smoke. This
indicated that the lower part of the smoke is curling away from the surface into the leading edge
separated vortex. The upper side of the smoke front is aligned flow and moves into the separation
line. Seen from the oil this front should go into the separation lie, but with the smoke it is clearly seen
that a region of clean air without smoke is located above the separation line.
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Figure 4.43: Leading edge vortex visualised by means of smoke

In figure 4.44 the smoke around the wingtip is shown. By looking into the picture it is observed
how the smoke visualises the wingtip vortex which is present at 41 degrees angle of attack. At the tip
is also seen how the smoke expands away from the tip. The vortex behaviour at the tip is explained
by the interaction of the suction and pressure side of the wing by the finite tip.

Figure 4.44: Wingtip vortex visualised by means of smoke

From the smoke visualisation results it is confirmed that the cross-flow behaviour with the attach-
ment and separation lines observed in the oil flow pictures in section 4.2.2 are indeed vortices curling
over the suction side of the wing. Also the separation line of the leading edge separated vortex is
clearly visible and confirms that the vortex is separated at this line. During the experiment the location
of the core of the vortex was also observed and confirms the cross-flow over the surface are vortices.
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Preliminary Flight Discussion

The wind tunnel results are known and therefore in this chapter an interpretation in the form of a
discussion towards the preliminary flight is made. First, the stall behaviour is analysed in section 5.1.
Then, in section 5.2 the trimmed flight is discussed, followed by the discussion on the implication on
approach in section 5.3.

5.1. Stall Behaviour
As the results from the balance and the flow visualisations have been presented and discussed in
chapter 4, in this section the results are combined to discuss the stall behaviour of the wing. For the
discussion on the stall behaviour, the wind tunnel experiment results of the half wing model are used.
During the flight test, a slightly different stall behaviour may occur than is discussed in this section. As
this is a preliminary discussion, the discussion must therefore be considered as an indication towards
the first flight instead of a pilots handbook.

During the wind tunnel experiments, the reference angle of attack was attempted to be positioned
at the geometrical zero angle by means of lasers. Since it was not possible to verify this angle with
the flow direction from the nozzle, during real flight there may be a slight difference in true angle of
attack. This means that both the lift and moment curves are shifted by the error in angle of attack,
but are not changed in magnitude.

From section 4.1.1 it was seen how the lift curve behaves for each angle of attack. From the results
it was seen that the lift curve at low angles of attack below ten degrees had a lift slope of about 0.03.
The lift slope was constant and the lift coefficient could therefore be computed by the linear behaviour
at low angles of attack. From the results of the oil visualisation it was seen that up to the angle of attack
of nine degrees, no vortices and minor cross-flow at the trailing edge was observed on the suction side
of the surface.

From eleven degrees onward, a leading edge separated vortex was seen originating from the leading
edge kink. This small vortex between the leading edge kink and the wingtip introduced a small increase
in the lift slope [49]. From thirteen degrees onward, a vortex was observed at the trailing edge of the
wing below the trailing edge kink. This vortex evolved with increasing angle of attack into the primary
vortex and became a leading edge vortex. The primary vortex showed signs of the vortex described
by Luckring [10] coming from a blunt leading edge. These vortices were not created at the nose
and originated more aft at the leading edge in the direction towards the tip of the wing. From his
investigation it was also shown how a constant chord wing with an ONERA D airfoil at 50 degrees
sweep angle had a very large increase in angle of attack range compared to conventional aircraft with
highly swept wings. The experiment was performed at a Reynolds number of 2.3 ⋅ 10ዀ. This way, the
Flying V can be compared to delta wings, which feature the same kind of lift characteristics based on
the leading edge vortices, vortex lift and the large range of angles of attack before the wing stalls [50].
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As the vortex at the trailing edge increased in strength with increasing angle of attack and the flow
over the surface kept on developing, the centre of pressure was moved in the aft direction. The direction
caused the stability derivative to be negative and the moment curve to have a negative trend as well.
This trend was present till the angle of attack of 20 degrees. From this angle onward, the various
small vortices became one larger vortex and was referred to as the primary vortex. The development
of the primary vortex with increasing angle of attack was that it moved forward and therefore placed
the centre of pressure more forward as well. This caused the stability derivative to be positive and the
moment curve to change direction.

As the primary vortex was formed from the smaller surrounding vortices as the angle of attack was
increased from 20 degrees onward, the lift slope was decreased in magnitude. This caused the lift
curve to rise slower with increasing the angle of attack. Compared to the wing without any vortex lift,
the lift coefficient on the Flying V due to the vortex lift at 21 degrees angle of attack was increased
by 0.128, which was a lift increase due to the vortices of about 19%. From this angle onward, the
lift gradient lowered as the primary vortex moved forward and more separation was localised at the
trailing edge and the root of the wing.

This is also clearly seen in figure 5.1. In this figure, the lift and moment coefficient are plotted
against the streamlines from the oil visualisation. It is seen how the leading edge separated vortex
initiates the lift slope increment and how the formation and development of the vortices towards the
primary vortex gives additional vortex lift. From this point onward as the primary vortex moves forward
and more separation is acting on the trailing edge of the wing, the lift increases at a smaller rate towards
the maximum lift coefficient at 41 degrees angle of attack. The maximum lift coefficient of the model
used during the wind tunnel experiment is estimated at 1.09.

At the angle of attack of 41 degrees, the lifting forces are maximised and the increase in angle
leads to a decrease in lifting forces with an increase in separation. This is seen at the angle of attack
of 48.5 degrees, where the separation over the middle section of the surface and the control surfaces
becomes more dominant and decreases the size of the primary vortex. Some lift recovery is present at
this angle of attack, but increasing the angle further leads to complete separation of the air from the
surface and loss of lift.

As can be seen in the figure 5.1, the centre of gravity location for the moment coefficient is set
at a distance of 1.365 meters behind the nose. The reason for this distance is found in the section
5.2, where the trimmed flight is discussed. In this section, the optimal centre of gravity location is
investigated by the influence of the deflection of the control surfaces. Therefore, these results have
already been applied to figure.
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Figure 5.1: Lift and moment curve combined with the streamlines from the oil flow visualisation
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5.2. Trimmed Flight
In the moment curve in figure 4.6 it was seen how the moment coefficient around the quarter mean
aerodynamic chord was positive below five degrees angle and negative above five degrees angle of
attack. Only at one specific angle of attack, at five degrees, the moment coefficient is zero and the
aircraft is ’trimmed’. In the moment curve showed earlier, the moment coefficient was only plotted
against the angle of attack for the control surfaces in zero deflection position. The trim of the aircraft
can be decided by changing the angles of the control surfaces. This way, the control surfaces create an
additional moment around the centre of gravity and change the shape of the moment curve. During the
wind tunnel experiments, several balance measurements have been taken with respect to the variation
in control surface deflection.

In section 4.1.2 it was seen how the pre-determined centre of gravity position at the location of the
quarter mean aerodynamic chord, which was located at 1.234 meters behind the nose, resulted in a
stable pitching derivative until twenty degrees angle of attack. From this angle onward, an increase in
angle of attack led to an unstable pitching derivative. Looking into the moment curve in combination
with the variation of deflected control surfaces, it was found that a complete negative deflection of
the two inner control surfaces (CS1 and CS2) is not sufficient to trim the aircraft at twenty degrees
angle of attack. Further investigation resulted in a new position for the centre of gravity, at 1.345
meters behind the nose. This new location of the centre of gravity makes it possible to trim the aircraft
up to to 32 degrees angle of attack, even though the stability derivative at an angle of attack higher
than twenty degrees is positive. In figure 5.5 the results for the moment coefficient by the variation
in control surface deflection for the centre of gravity location at 1.345 meters behind the nose can be
seen.

The velocity set during the experiment was twenty meters per second. During the experiment,
the first and second control surface, representing the two most inner control surfaces, were taken as
the control surfaces controlling the pitching of the aircraft. For the test flight, the two inner control
surfaces will be used for pitching purposes, while the outer control surface will be used for roll. In
figure 5.5 it is seen how the control surfaces are deflected in percentages. For the controller system
the deflection input is given in percentages and this will also be used during the flight test, therefore
no deflection angles are given. In table 5.1 a scheme is given of what percentage corresponds to
what deflection angle. For the moment curve, it can be seen that a positive control deflection, which
means the control surface is pointing downward and thus the angle of attack of the control surface is
increased, leads to a stronger maximum negative pitching moment. This makes sense in the way by
looking into figure 4.5, where an additional lifting force pointing in the negative y-direction makes the
resultant force larger. This in combination with the increased centre of pressure distance to the centre
of gravity location results in a stronger negative moment around the centre of gravity. The other way
around, if the control surfaces are deflected upward, which is referred to as a negative deflection in
the figure, the resultant force is smaller and thus the moment coefficient around the centre of gravity
is less negative.

Table 5.1: Deflection angles for the inputs of the control surfaces

CS input value [%] -125 -100 -75 -50 -25 0 25 50 75 100 125

CS1 deflection, 𝛼 [∘] -10.5 8.3 6.4 4.2 2.1 0 2.3 4.9 6.8 10.0 12.3
CS2 deflection, 𝛼 [∘] -15.2 -12.8 -9.8 -6.4 -2.8 0 3.7 7.2 10.3 14.2 17.9

For trim it is required that the sum of moments around the centre of gravity are set to zero. This
way, the aircraft is stable at a certain flight state. By looking into figure 5.5, it is seen that for the
deflections used during the experiment the aircraft can be trimmed between -2 and 32 degrees angle
of attack for the given centre of gravity location at 1.345 meters behind the nose. As explained in
section 4.1.2, the moment curve can be changed by moving the location of the centre of gravity. The
movement of the centre of gravity causes the static margin to change as well. A smaller margin leads
to more a quicker response from the control surface deflection against a smaller natural stability. A
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larger static margin leads to more natural stability against a slower response from the control surface
deflection.

By moving the centre of gravity more forward, the moment coefficient in the figure will move more
down. In other words, the stability derivative is stronger in negative magnitude and gives a stronger
negative maximum moment coefficient. As a result, the control surface at 125% negative deflection
presented in figure 5.5 which allows the aircraft to be trimmed at twenty degrees angle of attack will
not be sufficient. The point will move under the zero moment coefficient line and a larger negative
control surface deflection is required to bring the moment back to zero.

The other way around, if the centre of gravity is moved more aft, the moment coefficient curves will
move more up towards the positive moment coefficients. During the investigation, it was found that if
the aircraft needs to be trimmed up until twenty degrees angle of attack, the most aft position of the
centre of gravity is located at 1.425 meters behind the nose. The results can be found in figure 5.6.
In this figure it is seen how the moment curve is moved up by moving the centre of gravity more aft.
In fact, the movement of the centre of gravity leads to the fact that only three of the control surface
deflections can be used to trim the aircraft, which are 75%, 100% and 125% positive deflection angle.
Furthermore, it is seen how the lines up until twenty degrees angle of attack are almost horizontal to
each other, which means that the stability derivative is just slightly negative and the aircraft almost
becomes unstable if the centre of gravity is moved aft even further.

By looking into the centre of pressure of pressure, it is seen that with increasing angle of attack the
location of the centre of pressure is moved aft. This can be seen in figure 5.2. The red dashed-dotted
line indicates the location of the centre of gravity as it lies at 1.345 meters behind the nose. In the
figure it can be seen that the centre of pressure is in front of the centre of gravity below ten degrees
angle of attack. As the angle of attack is further increased, the centre of pressure moves aft of the
centre of gravity. The behaviour is reversed from twenty degrees angle of attack onward, where the
centre of pressure moves forward and eventually lies in front of the centre of gravity again.

Figure 5.2: Centre of pressure compared to the centre of gravity locations for no control surface deflections

This can be very well seen in figure 5.5, where it is seen how much control deflection is required to
trim the aircraft as the centre of pressure moves with the angle of attack. Below ten degrees angle of
attack, the centre of pressure is in front of the centre of gravity, which means the resulting force creates
a positive pitching moment. To counteract this moment, the control surfaces are deflected down to
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create a positive angle of attack. This additional force of the control surfaces sets all the summed
moments to zero and the aircraft is trimmed. As the angle of attack is increased towards ten degrees
angle of attack, the positive deflection of the control surfaces is decreased. As the centre of pressure
lies on the centre of gravity, the control surfaces are set to zero deflection and the aircraft is trimmed.
As the centre of pressure moves further aft as the angle of attack is increased even more, the control
surfaces need to be deflected up, providing a negative deflection angle and thus a positive moment to
counteract the negative moment by the lifting force. If the angle of attack is increased from twenty
degrees onward, the deflections of the control surfaces must be performed in reversed order in order
to trim the aircraft.

The procedure as described above shows how the resultant force must be counteracted by means
of the deflections of the control surfaces in order to trim the aircraft. In reality, as the control surfaces
are deflected, the control surfaces create a lifting force, which results in the fact that the centre of
pressure will move further aft with each positive deflection and will move forward with each negative
deflection. This can be seen in figure 5.3.

Figure 5.3: Centre of pressure compared to the centre of gravity locations for multiple control surface deflections

In this figure it is also directly seen why the most aft limit of the centre of gravity is at 1.425 meters
behind the nose. It can be seen that the maximum positive deflection at 20 degree angle of attack is
at the centre of gravity line. This means that from this point onward as the angle of attack is increased,
no further centre of pressures are crossing the centre of gravity line to make the moment coefficient as
seen in figure 5.6 zero. If the centre of gravity is put further aft, the centre of pressure of the resultant
force (which includes the lifting force of the wing and the control surfaces) will never cross the centre
of gravity line. This way the aircraft can never be trimmed.

Putting it the other way around, by moving the forward centre of gravity position more forward,
the centre of pressure location of the resultant force for negative deflections will not cross the centre
of gravity position any more. This way, there is a region in the flight performance where the aircraft
can not be trimmed. In theory, the control surfaces should allow for more negative deflection angles in
order for the aircraft to be trimmed if the centre of gravity is moved more forward than 1.345 meters
behind the nose.

Seen from flight point of view, it is important to achieve high angles of attack up to twenty degrees
for approach. This will also be discussed in section 5.3. From cruise point of view it is important to
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fly with as less control surface deflection as possible to minimise drag. Therefore an investigation has
been made where the centre of gravity needs to be located in order to trim the aircraft at different
flight speeds, by keeping the control surfaces at zero deflection angle.

For the flight speed of 25 meters per second, the aircraft without using any control surfaces needs
a lift coefficient which is reached at 9.6 degrees angle of attack. For a flight speed of 30 meters per
second it is flying at 6.6 degrees angle of attack, while for a flight speed of 35 meters per second it
is flying at 4.6 degrees angle of attack. This means that for each different cruise speed, there is an
optimal point for the centre of gravity where the drag of the aircraft is minimised. Flying with a flight
speed of 25 meters per second, the optimal centre of gravity location is at 1.330 meters behind the
nose. For a flight speed of 30 meters per second, the optimal location is at 1.275 meters behind the
nose, while for a flight speed of 35 meters per second the optimal location of the centre of gravity is
at 1.220 meters behind the nose. The curves for the moment coefficients at these centre of gravity
locations can be found in Appendix B. Using the data from the moment coefficients, it is seen that as
the centre of gravity is positioned at 1.330 meters behind the nose, the aircraft can be trimmed from
-2 to 17 degrees angle of attack. If the the centre of gravity positioned at 1.275 meters behind the
nose, the aircraft can be trimmed between -2 and 13 degrees angle of attack. By placing the centre
of gravity at 1.220 meters behind the nose, the aircraft can be trimmed between -2 and 11 degrees
angle of attack. In table 5.2, a summary of the results discussed above is presented.

Table 5.2: Centre of gravity location investigation

Flight speed, 𝑉 [𝑚/𝑠] 25 30 35

Optimal CG location, 𝑥፠ [𝑚] 1.330 1.275 1.220
Horizontal flight angle, 𝛼 [∘] 9.6 6.6 4.6
Minimum trimmed angle, 𝛼፭፫።፦ [∘] -2 -2 -2
Maximum trimmed angle, 𝛼፭፫።፦ [∘] 17 13 11

As the aircraft does not have a tail, it is for this purpose assumed that the neutral point coincides
with the aerodynamic centre. As earlier explained in section 4.1.2, the neutral point represents the
point where the centre of pressure of the resultant force creates either a pitch up or a pitch down
moment. In figure 5.4 the neutral point of the twenty meters per second experiment can be seen for
the wing with no control surfaces deflected. In here, it is also seen how the neutral point is located with
respect to the two centre of gravity locations which were earlier identified for pitching control reasons.

In the figure it is seen how the neutral point lies aft of both the centre of gravity locations. Fur-
thermore it is shown that the forward centre of gravity location has an increased distance with respect
to the neutral point compared to the aft centre of gravity location. This increased distance leads to a
bigger static margin. The static margin is a reference in percentages to indicate how the stability and
control surface deflection strength are for the aircraft. It is commonly used that an aircraft needs to be
designed with a centre of gravity which lies with a 5%-15% static margin in front of the neutral point.
The static margin is taken as the distance between the centre of gravity and the neutral point over the
length of the mean aerodynamic chord. If the forward centre of gravity location of 1.345 meters is
used, the averaged static margin up to 15 degrees angle of attack is estimated to be about 11%. For
the aft centre of gravity location of 1.425 meters the averaged static margin up to 15 degrees angle of
attack is estimated to be about 1.5%.

As the static margin of the most aft location is too low for stability and handling purposes, it is
advised to put the centre of gravity more forward. The most forward centre of gravity location has the
disadvantage that at 20 degrees angle of attack the control surfaces are at their limit to set the moment
coefficient to zero. Furthermore, this also means that because they act as trim and elevators, they can
not be further deflected. Therefore it is advised to put the centre of gravity more aft in order to create
more deflection space for the control surfaces to trim and pitch at 20 degrees angle of attack. It is not
advised to put the centre of gravity too far aft, as the static margin may get too small. Furthermore,
a centre of gravity position which is too far aft results in higher drag as well. An investigation into this
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Figure 5.4: Neutral point compared to the centre of gravity locations

optimised location has been made and it is advised to put the centre of gravity at 1.365 meters behind
the nose. This results in an averaged static margin of about 9%, while enough room is left for the
control surfaces to give additional deflection for pitch control when they are trimmed at high angles of
attack. An overview of the static margins found during the analysis can be found in table 5.3.

Table 5.3: Static margin investigation

Most forward CG location Opt. CG location Most aft CG location

CG location, 𝑥፠ [𝑚] 1.345 1.365 1.425
Static margin, 𝑆𝑀 [%] 11 9 1.5
Min. trim angle, 𝛼፭፫።፦ [∘] -2 -2 -2
Max. trim angle, 𝛼፭፫።፦ [∘] 32 28 20

In figure 5.7 the moment curves for all the control surface deflections for the optimal centre of
gravity location can be found. In here it can be seen that round twenty degrees angle of attack the
aircraft has enough control left to manoeuvre, while the static margin is placed at around 9%. In the
figure it is seen as well that the aircraft is trimmable from -2 up to 28 degrees angle of attack.
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Figure 5.5: Moment coefficient comparison for the control surface deflections with the CG at 1.345 meters behind the nose
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Figure 5.6: Moment coefficient comparison for the control surface deflections with the CG at 1.425 meters behind the nose
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Figure 5.7: Moment coefficient comparison for the control surface deflections with the CG at 1.365 meters behind the nose
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5.3. Approach Implications
In this section the approach implication with respect to the findings from the stall behaviour in section
5.1 and the trimmed flight in section 5.2 will be discussed. In the last section it has been discussed
how the aircrafts centre of gravity influences the trim. The trim of the aircraft makes the lift of the
aircraft change as well. This therefore means that the centre of gravity influences the lift of the aircraft
as well. Furthermore, as the stall behaviour is known, it leads to a way to combine the lift and trim
properties of the aircraft to identify what happens during approach.

By looking into the trim of the aircraft, it is found that a positive deflection of the control surfaces
leads to an increase in lift, while a negative deflection leads a decrease in lift. To see how the lift
changes for trimmed conditions at each angle of attack, an investigation has been made into the
trimmed lift. For each angle of attack, the trim angle has been found, which corresponded to a certain
lift coefficient. This was done for three different centre of gravity locations, namely the two centre
of gravity limits for the most forward and aft position and the optimal centre of gravity location as
suggested in the previous section. The results can be found in figure 5.8, where it is seen how the lift
coefficient varies for each angle of attack for different centre of gravity locations.

Figure 5.8: Trimmed lift curve

The results for the trimmed lift curve with a centre of gravity at the most forward position leads to a
different lift curve compared to the aircraft where the control surfaces are held in neutral position. At low
angles of attack, the lift coefficient is increased with respect to the original wing without control surfaces
deflected. At about eleven degrees angle of attack, the behaviour is reversed and the lift is decreased
with respect to the original wing. At about 27 degrees angle of attack, the behaviour is reversed into
an increased lift coefficient compared to the original wing. The explanation for this behaviour can be
found in figure 5.5, where it is seen that both positive and negative control deflections are required
to trim the aircraft. At low angles of attack, the control surface deflections are positive, which leads
to an increased lift coefficient. From eleven degrees onward, the control surfaces are switched from
a positive deflection into a negative deflection in order to trim the aircraft. The maximum negative
trim at twenty degrees angle of attack also leads to the largest decrease in lift coefficient of about
-4.5%. From this angle onward, the control surfaces are deflected into the positive direction, leading
to a reversal into the positive lift from 27 degrees angle of attack onward.

By looking into figure 5.8, it is seen how the most aft centre of gravity position leads to an increased
lift coefficient. The increased lift coefficient is explained by the continuously positive deflected control
surfaces. This is required, otherwise the aircraft can not be trimmed, as seen in figure 5.6. What can
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be seen as well, is that the aircraft can only be trimmed up to twenty degrees angle of attack, while
the moment coefficient drastically increases and not enough control deflection can be given in order
to trim the aircraft. The averaged increase in lift coefficient is estimated to be about +7% compared
to the untrimmed lift curve of the aircraft.

The trimmed lift curve for the optimal centre of gravity location found in figure 5.8 leads to a
behaviour compared to the most forward centre of gravity location, but then with less lift deviations
with respect to the untrimmed aircraft. At twenty degrees angle of attack, the difference with respect
to the untrimmed aircraft is estimated to be about -2%. Seen from figure 5.7, the control surface
deflections are optimised to fly at high angles of attack with the possibility to allow pitch input as well,
against the lowest possible drag during flight. At five degrees angle of attack, the lift difference with
respect to the untrimmed aircraft is about +13%, while this is about zero at thirteen degrees angle of
attack. The reversal from a negative lift to a positive lift difference is made around 25 degrees angle
of attack. By looking into the lift coefficient of the optimised centre of gravity location at 1.365 meters
behind the nose, the lift coefficient is slightly different compared to the non trimmed lift coefficient.
Considering the equation for the lift required during flight, the flight speed and the lift coefficient are
the only two variables which can still be influenced during this stage of the development of the aircraft.
This is because the design of the aircraft is finalised and will not be altered. The formulation for the
lift can be found in equation 4.2.

As the weight of the full wingspan aircraft is 25 kilograms and the surface area is estimated to be
1.86 squared meter, the lift coefficient at different flight speeds can be calculated according to equation
1.1 and 1.2. At 25 meters per second, the lift coefficient required for flight is 0.34, while for a flight
speed of 30 meters per second the lift coefficient required is 0.24. At a flight velocity of 35 meters per
second, the required lift coefficient is 0.18. Looking into the trimmed lift curve of the optimised centre
of gravity location, the flight angles for a flight speed of 25, 30 and 35 are 9.4, 5.7 and 3.6 degrees
angle of attack respectively. A comparison with the untrimmed aircraft can be found in table 5.4.

Table 5.4: Angles of attack during trimmed flight

𝑉 = 25 [𝑚/𝑠] 𝑉 = 30 [𝑚/𝑠] 𝑉 = 35 [𝑚/𝑠]

Lift coefficient, 𝐶ፋ [−] 0.34 0.24 0.18
Untrimmed angle of attack, 𝛼 [∘] 9.6 6.6 4.6
Trimmed angle of attack, 𝛼 [∘] 9.4 5.7 3.6
Difference in angle of attack, Δ𝛼 [%] -2.1 -13.6 -21.7

Going from flight speed towards approach speed, the velocity of the aircraft decreases as it prepares
for landing. Landing is not covered in this thesis research, as it is out of the scope of the research and
is not experimentally tested for ground effects. The approach speed is defined as 1.3 times the stall
speed of the aircraft [51, 52]. The stall speed of the aircraft is calculated by the angle at which the
aircraft can still be trimmed, namely at 28.5 degrees angle of attack. At this angle, a lift coefficient of
0.98 is reached. As the aircraft is unstable due to the positive stability derivative, the last angle at which
the aircraft can be trimmed in stable flight is at twenty degrees angle of attack. The corresponding lift
coefficient to this angle is 0.73. The actual ’stall angle’ of the aircraft can therefore not be achieved. As
seen in section 5.1, the flow reaches a maximum lift coefficient around 41 degrees angle of attack. As
this angle is not achieved due to trimming limitation as shown in section 5.2, the ’stall angle’ is therefore
set by the maximum angle for trim, which is at 28.5 degrees. Taking this number into account, the
lowest flight speed attained at 28.5 degrees is by equation 4.2 calculated to be 14.8 meters per second.
The flight speed at the angle of attack of 20 degrees is estimated to be 17.2 meters per second, which
is referred to as the ’safe’ stall speed. Taking the regulations for approach into account, the approach
speed for the lowest flight speed is estimated to be 19.2 meters per second, which is faster than the
speed set at 20 degrees angle of attack. At the flight speed of 19.2 meters per second, the aircraft
flies at a lift coefficient of 0.58 at the angle of attack of 15.9 degrees. According to figure 5.7, during
approach the aircraft will therefore fly with the control surfaces deflected at about -25%. As a result,
the aircraft will fly statically stable with enough deflection angle left for the control surfaces to control
the pitch. An overview of the results for the stall and approach speed can be found in table 5.5.



90 5. Preliminary Flight Discussion

Table 5.5: Flight speed and angle of attack for trimmed approach

Approach speed ’Safe’ stall speed Stall speed

Velocity, 𝑉 [𝑚/𝑠] 19.2 17.2 14.8
Trimmed angle of attack, 𝛼 [∘] 15.9 20.0 28.5
Trimmed lift coefficient, 𝐶ፋᑥᑣᑚᑞᑞᑖᑕ [−] 0.58 0.73 0.98

Based on the results presented in table 5.5, the advised location for the centre of gravity and the
analysis into the flow behaviour of over the wing, the flight characteristics during flight and approach
have been investigated. The approach and stall speed in combination with the trimmed angle of attack
and lift coefficient are determined, along with the location for the centre of gravity for a statically
stable flight. Together with the analysis into the flow behaviour, the flight characteristics of the aircraft
in preparation for the test flight are known and have led to a first impression of the handling of the
Flying V. In figure 5.9, the overview of the location for the centre of gravity investigation can be found.
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Figure 5.9: Overview of the investigated CG locations



6
Conclusions

For assessing the flight characteristics of the Flying V aircraft for approach speed and high angles of
attack, three distinct wind tunnel experiments were conducted at the Open Jet Facility of the Delft
University of Technology. Balance measurements showed the aircraft had an untrimmed maximum
lift coefficient of 1.09 at 41 degrees angle of attack. The reason for the high angle of attack at
maximum lift may be explained by the blunt leading edge and the very highly swept wing of the
Flying V. Investigations into the pitching moment concluded the stability derivative is negative up to
20 degrees angle of attack, measured at the quarter mean aerodynamic chord. The neutral point was
estimated at around 1.430 meters behind the nose.

The results from the oil flow and tuft visualisation experiments showed that a combination of cross-
flow, attachment and separation lines on the surface of the wing indicated that from eleven degrees
angle of attack onward, a leading edge separated vortex was spreading from the leading edge kink
over the wingtip. From thirteen degrees angle of attack onward, the formation a set of vortices over
the main part of the wing from the direction of the root towards the wingtip confirmed the vortex
lift behaviour observed in the balance measurements. From 22 degrees angle of attack onward, the
vortices over the main part of the wing formed a stable leading edge vortex, which was present from
this angle of attack onward. Smoke visualisations confirmed that outside the boundary layer large
vortices were indeed rolling over the surface of the wing.

An investigation into the trimmed flight of the aircraft showed that due to trim limitations the centre
of gravity location is bound between 1.345 and 1.425 meters behind the nose. Taking the trim and
pitch during approach into account, the centre of gravity is optimal to be put at 1.365 meters behind
the nose, resulting in a static margin of about 9%. This way, the aircraft could be trimmed, while it
has pitch control at all angles of attack as well. By taking the optimal centre of gravity location into
account, during flight with a speed of thirty five meters per second the trimmed angle of attack was
estimated at 3.6 degrees, which is about 22% lower compared to the untrimmed angle of attack.

The stall speed for trimmed flight is estimated at 14.8 meters per second at an angle of attack of
28.5 degrees, which corresponds to a maximum lift coefficient of 0.98 and is directly the limit of the
control surface deflections for trimmed flight. At the angle where the stability derivative switches from
negative into positive at 20 degrees angle of attack, the flight speed is estimated at 17.2 meters per
second at the lift coefficient of 0.73. This is seen as the ’safe’ stall speed due to the switch from positive
into negative static stability. Taking the regulations from the FAA and ICAO for approach into account,
the approach speed is, based on the absolute stall speed, estimated to be 19.2 meters per second at
an angle of attack of 15.9 degrees with a lift coefficient of 0.58.

Verification and validation of the balance data led to the conclusion that the maximum lift coefficient
is estimated within a 0.72% error margin using three times the standard deviation over the second and
third wind tunnel campaign. The largest deviation recorded is at ten degrees angle of attack, which
leads to a triple standard deviation error margin of 0.043. The averaged triple standard deviation is
estimated to be 0.016 over the entire angle of attack domain.
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6.1. Recommendations and Future Work
While the objective of the thesis research has been completed and the research questions have been
answered, additional research is required for the validation of the data acquired during the wind tunnel
experiments. Moreover, additional research into the wind tunnel corrections is required, as the results
will be more accurate. For the results itself, it is recommended to perform higher fidelity studies in the
form of flight testing. This way, the data from the wind tunnel experiments can be set into a new light
and be compared to a more realistic scenario. Since CFD was not an option for the assessment of the
flight characteristics, no validation was possible for the acquired wind tunnel data.

Differences between the wind tunnel results and the flight test results are expected because of
multiple reasons. First of all, the comparison between ideal flow from the wind tunnel and real flow
during flight can be made. Secondly, differences will be found by the fact that the flight model features
a full wingspan aircraft, while the wind tunnel model featured a half wingspan aircraft. Last of all, the
wing used during the wind tunnel experiments was a simplified version of the flight model. Therefore
it did not feature any engines, landing gear, winglets and other systems, which may lead to different
results compared to this research.

For the flight model, focus has to be put into the distribution of the weight to ensure an accurate
location for the centre of gravity. Large deviations of the centre of gravity location may cause the
aircraft to be unstable or untrimmable during flight. As the aerodynamic geometry of the wing is fixed
in the design, the only variables into the stability and trim of the aircraft are the manufacturing and
calibration of the control surfaces, the placement of the centre of gravity location and the influence of
all systems on the flow over the wing. Further attention has to be put into the effect of the thrust force
of the engine onto the pitching moment.
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98 A. Original Oil Flow Visualisation Pictures

Figure A.1: Oil flow visualisation at 5 degrees angle of attack
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Figure A.2: Oil flow visualisation at 7 degrees angle of attack
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Figure A.3: Oil flow visualisation at 9 degrees angle of attack
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Figure A.4: Oil flow visualisation at 11 degrees angle of attack
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Figure A.5: Oil flow visualisation at 13 degrees angle of attack
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Figure A.6: Oil flow visualisation at 15 degrees angle of attack
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Figure A.7: Oil flow visualisation at 17 degrees angle of attack
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Figure A.8: Oil flow visualisation at 19 degrees angle of attack
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Figure A.9: Oil flow visualisation at 20 degrees angle of attack
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Figure A.10: Oil flow visualisation at 21 degrees angle of attack
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Figure A.11: Oil flow visualisation at 22 degrees angle of attack
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Figure A.12: Oil flow visualisation at 23 degrees angle of attack
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Figure A.13: Oil flow visualisation at 25 degrees angle of attack
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Figure A.14: Oil flow visualisation at 27 degrees angle of attack
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Figure A.15: Oil flow visualisation at 29 degrees angle of attack
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Figure A.16: Oil flow visualisation at 31 degrees angle of attack
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Figure A.17: Oil flow visualisation at 33 degrees angle of attack



115

Figure A.18: Oil flow visualisation at 35 degrees angle of attack
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Figure A.19: Oil flow visualisation at 41 degrees angle of attack
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Figure A.20: Oil flow visualisation at 50 degrees angle of attack
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120 B. Additional Moment Curve Figures

Figure B.1: Moment coefficient comparison for the control surface deflections with the CG at 1.330 meters behind the nose
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Figure B.2: Moment coefficient comparison for the control surface deflections with the CG at 1.275 meters behind the nose
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Figure B.3: Moment coefficient comparison for the control surface deflections with the CG at 1.220 meters behind the nose
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