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Fiber-reinforced composites are widely used in primary aircraft structures on account of their superior
performance when compared to metallic structures. When buckling is a dominant driver of the structural
design, the use of sandwich composites could potentially yield more efficient designs. This paper applies a
recently developed approach for optimizing practical commercial-scale aircraft wings using sandwich composites
in a preliminary design stage to perform design studies using the NASA Common Research Model (CRM) as a
reference. The approach uses lamination parameters as design variables in a continuous optimization step.
Structural constraints for classic composite laminate design, such as material failure and buckling, and for
sandwich design, such as crimping, wrinkling, dimpling, and core shear failure, are accounted for using
industrial-standard and empirical methods driven by finite element analyses. The optimization studies present
comparisons in structural weight between sandwich composite designs and their monolithic counterparts. The
studies present several cases where sandwich composites offer superior structural performance, as well as potential
cost savings by affording a lesser number of stringers in the design.

Nomenclature

membrane stiffness matrix
membrane-bending coupling matrix
stringer flange width

coefficients (empirical) for failure modes
bending stiffness matrix

elastic modulus

transverse shear stiffness matrix
Shear modulus

stringer height

bending stress resultant

in-plane stress resultant

transverse shear stress resultant
transverse shear force

transverse shear strength along L and W directions
cell size of honeycomb core
thickness

lamina invariants

design variables

shear strain

in-plane strain

stacking angle distribution
Poisson’s ratio

lamination parameters
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c = in-plane stress

T = shear stress

o = property of facesheet
o, = property of core

1. Introduction

VER the last few decades, the aerospace industry has seen a

steady increase in the use of composite materials [1]. The
superior mechanical properties of composites, ability to tailor their
stiffness properties, and possible lower manufacturing costs due to
integration of parts have been some of the reasons for the increased
focus on their research and application.

In today’s commercial aircraft, monolithic laminates have been
predominantly used where load-carrying wing-box structures have
been concerned, while sandwich composites have been restricted to
secondary substructures such as fairings, ailerons, flaps, and rud-
ders. Monolithic composites here refer to composite laminates
comprising a single material basis, for instance, a carbon fiber and
epoxy system, while sandwich composites referred to here comprise
two facesheets made up of a laminate such as a carbon/epoxy
system separated by core material of low density such as honey-
comb. An example of such a sandwich composite construction
containing facesheets of equal thickness is shown in Fig. 1. In
applications such as wind turbines, sailplanes, or satellites, sand-
wich composites have also been used in primary structures with
several optimization approaches investigated, for instance, in [2—7].
Practical experience shows that the benefits of sandwich composites
come alongside a number of unique engineering challenges, which
must be carefully considered in realistic designs: damage tolerance
and its characterization, manufacturing complexities at joints and
ramp-downs, and complex identification and carrying out of repairs,
to name a few [§]. Ongoing research in several university and
research groups aims to tackle these very challenges on account
of the potential benefits of sandwich composites [3,8—-13].

The present trend of aircraft wings shows designs that are domi-
nated by stiffness requirements when compared to strength require-
ments [14-17], especially in the upper skin. That is, buckling stability
drives the structural design in these regions. Moreover, outer sections
of the wing are sized due to minimum gauge requirements arising out

Check for
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Fig. 1 Cross-section of a classic sandwich composite (¢, = facesheet
thickness, ., = core thickness, 7 = total thickness).

of handling and manufacturing needs. With advancements in materi-
als beyond carbon fiber T300 and IM7 to today’s state-of-the-art
materials such as the high-strength T1100G and IM10 [18], designers
can only expect strength requirements to be further overshadowed by
stiffness and handling requirements. In such cases, sandwich compo-
sites could prove to be an interesting solution in being able to
efficiently handle buckling stability. As future materials evolve with
properties heading toward carbon nanotubes, hypothetically speak-
ing, sandwich composites could once again be one efficient solution
in meeting both buckling and manufacturing needs. The increase in
specific bending stiffness of sandwich composites enables not only
the design of lighter panels but also a reduction of global stiffener-
reinforcers whose primary purpose is to inhibit structural buckling,
further increasing the potential weight savings and lowering manu-
facturing costs.

The potential benefits and challenges of sandwich composites
in aerospace applications have motivated a wide range of research
covering topics such as characterization of failure modes [19-21],
development of modeling strategies [22,23], and optimization of
sandwich composites [2,4-6,24—41]. Some of the relevant liter-
ature pertaining to aerospace applications in the latter is discussed
further.

Miki et al. [25] define a modified set of lamination parameters
specific to sandwich composites, using the approach to make
graphical studies on the Miki diagram. Balabanov et al. [30] and
Weckner et al. [32] optimize an in-plane loaded sandwich panel
using classical lamination parameters subjected to strength and
stability constraints. Schmit et al. [24] present an optimization of
arectangular wing box with sandwich composites using a multilevel
optimization strategy. The approach is based on orthotropic linear
stress rectangular (OLSR) elements together with predefined lami-
nate angles. The approach presents a valid strategy for conceptually
optimizing sandwich composites but is restrictive in its general
applicability. Jin et al. [33] apply lamination parameters to the
design of composite sandwich panels with aeroelastic constraints.
Lamination parameters of the facesheets and transverse shear modu-
lus of the core are used as design variables in a weight minimization
problem subjected to flutter and divergence speed constraints.
Moors et al. [38] study different design concepts, including sand-
wich composites, in the design of a composite wing box using a
conceptual design tool based on analytical and semi-empirical
approaches. Yuan et al. [29] present the optimization of sandwich
panels for fuselage applications. An analytical solution for facesheet
wrinkling and structural buckling is introduced, while the optimal
weight of the sandwich composite is obtained using a multistep
sequential approach. Fan et al. [37] optimize a multipanel sandwich
composite structure subjected to buckling and strength constraints.
A genetic algorithm (GA) is proposed to optimize for the facesheet
layup together with analytical solutions for buckling and strength.
Irisarri et al. [40] propose a strategy to optimize sandwich compo-
sites using a three-step approach: a gradient-based optimization in
the first step using lamination parameters, an evolutionary algorithm
in the second step to obtain the facesheet laminates, and a third
optimization step to overcome infeasibilities in the design arising

out of the stiffness variations between the first and second steps. The
approach is applied to the design of a generic dual-launch spacecraft
system. Seyyedrahmani et al. [42] present an approach to optimize
sandwich panels considering different simultaneous objective func-
tions, such as maximizing buckling load, maximizing fundamental
natural frequency or natural frequency gap, and minimizing cost to
arrive at Pareto-optimal solutions. The approach is based on a
spectral Chebyshev formulation using a first-order shear deforma-
tion theory (FSDT). Sandwich composites for wing-box applica-
tions have been investigated mainly within research programs such
as the bismaleimide (BMI) wing box [43] by Northrop Grumman
and the National Aeronautics and Space Administration (NASA).
The most famous industrial application of sandwich composite to
the primary wing box is perhaps on the Beechcraft Starship, which
was manufactured in the 1980s and 1990s. Another study of interest
is the Advanced Technology Composite Aircraft Structures
(ATCAS) [44,45] program by Boeing in the 1990s, investigating
potential composite technologies for fuselage designs. A skin-
stringer frame and a sandwich configuration were studied with in-
depth considerations on the impact on manufacturing and lifetime
costs on different fuselage panels.

A review of the above literature shows that practical studies
addressing performance comparisons between traditional mono-
lithic composite designs and sandwich composites for realistic,
large-scale, commercial-type wings have not been considered in
the past. More recently, the authors presented a first step in this
direction [46] by studying weight comparisons between sandwich
and monolithic composites at the level of skin panels, using the
CRM as a benchmark wing. A lamination-parameter-based ap-
proach for the stiffness optimization considering material failure
through angle minus laminate (AML) [47], buckling instability,
facesheet wrinkling, shear crimping, facesheet dimpling, and core-
shear failure is applied. The results showed that, depending on the
spanwise section considered, skin panels with sandwich composite
design exhibit significant weight savings when compared to classic
monolithic composite design. The study also showed that for lightly
loaded regions near the wing-tip, a larger stringer pitch can be
afforded at low penalties to structural weight. The present work
aims to further this by performing optimization studies on the CRM
wing representative of a preliminary stage of design in order to
arrive at weight comparisons between today’s monolithic compo-
sites and potentially beneficial sandwich composites.

For the structural optimization studies in this paper, the NASA
Common Research Model (CRM) [48] is chosen, more specifically
a structural model of the CRM wing generated at the German
Aerospace Center (DLR)-Institute of Aeroelasticity, under the con-
figuration name FERMAT [49]. The CRM has been used as a
benchmark case for several studies, including some of the more
recent works [50-54]. For instance, the topology optimization of the
stiffeners of the wing box [51] and aerostructural design of the CRM
wing box using different design technologies such as conventional
carbon-fiber-reinforced composite and tow-steered carbon-fiber-
reinforced composite [53] both show buckling constraints on the
wing box to be active, furthering one of the primary motivations for
the present work.

The rest of this paper is organized as follows: Section II summa-
rizes the design methodology followed in the optimization study,
followed by a discussion on the treatment of design variables in the
case of monolithic and sandwich composites in Sec. IIl. The CRM
wing, which is the application considered, is presented in Sec. IV,
and a summary of the optimization objective and constraints in
Sec. V. The results from the optimization study are discussed in
Sec. VI, followed by a conclusion and outlook based on the pre-
sented work.

II. Design Methodology

The optimization strategy used in this paper can be split into
two core components: i) the structural constraints that define the
feasibility of a design and ii) the lamination parameters as design
variables and their associated constraints, which are used to define
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the optimization problem. Details on the approach have been
presented in [46] and are summarized in the present section for
completeness.

A. Structural Constraints for Sandwich Composite Design

The failure modes in sandwich composites for typical wing-box-
type structures as discussed in the Composite Materials Handbook-
17 (CMH-17) [55] are shown in Fig. 2.

The first two failure modes, namely material failure and buckling,
are typically considered in the preliminary design stage for mono-
lithic composites. The additional failure modes—wrinkling, core

1607

shear failure, crimping, and dimpling—need to be accounted for
when designing with sandwich composites. In the case of stringers,
only material failure and stringer crippling [56] are included as
constraints. The failure modes are accounted for using different
approaches, driven by finite element (FE) analysis, and are summa-
rized in Table 1.

In Egs. (2-7), the geometric quantities 7., ty, h, and s are the
thickness of the core, thickness of each facesheet, the distance between
the midplanes of the upper and lower facesheets, and the cell size of
the honeycomb core, respectively. For composite facesheets, the stiff-
ness terms are direction-dependent—E ; represents the effective bend-
ing stiffness of the facesheet in the direction of loading and is

i\
_> 4—
10 _> Q 4—
- - b) general buckling
a) face sheet failure
—_—— /77
- T

¢) symmetric facesheet wrinkling

d) antisymmetric facesheet wrinkling

e) core shear failure

—
— \\

ma1IEDOIEEEIL o

f) shear crimping

g) face sheet dimpling

(intracell buckling)

Fig. 2 Failure modes of sandwich composites [55].

Table 1

Structural constraints included in the optimization

Failure mode

Strain failure

Stringer crippling [56]

Buckling
Wrinkling [55]

Method
Angle minus laminate (AML) [47]
€min < € < €max (stringers) 1)
1.63
Ocrip = O-g b\ 0717 (1) (2)
(3

Linear buckling solver in Msc.NASTRAN

EE fe
if 1. > 1~82tf i/?v Owrink = Cl(EfECGC)l/3 + CzGﬂli )
c f

—_ . 3 EfEc I I
if tc < 182tf '72, Owrink = C3 7E¢Ef + C4GL.* (4)
X Gc tc X tf
h’G,
Shear crimping [55] Ocrimp = 2 ); 5)
flte
1 (72
Facesheet dimpling [55] Odimp = Y (;) D11 + 2(D13 + 2Dgg) + Do} (6)
Core shear failure [55] Ty = %, Ty, = % (@)
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calculated from the bending stiffness matrix D. E, is the core elastic
modulus normal to the sandwich facesheets, and G, is the core shear
modulus. Honeycomb cores tend to have different properties in their
ribbon and transverse directions; as a result, the values G,_, Gy, and
/GG, are suggested in the CMH-17 to be used in place of G,
depending on whether the loading is in the X, ¥, or XY direction. The
coefficients C;—C,, in the case of wrinkling in Eqgs. (3) and (4), are
generally adapted to experimental results, and a wide range of values
have been reported, for instance, [56-58]. Conservative values of
Cy =0.247, C, = 0.078, C3 = 0.33, and C4 = 0 are suggested in
the CMH-17. The failure stresses for the above sandwich failure
modes are defined for a uniaxial state of compression. Loading states
along different directions can be considered by using corresponding
values for the directional stiffnesses. The transverse loads O, and Q,
are extracted as forces from a static analysis in Msc.NasSTRAN. In
Eq. (2), b and h are the flange width and height of the T-stringer,
and o} is the ultimate compressible strength of the material.

For the sake of convenience, the failure stresses in the case of
wrinkling, crimping, and dimpling are recast as failure strains
through the directional in-plane stiffness. In the following sections,
the failure criteria of AML, crippling, wrinkling, crimping, and
dimpling are collectively denoted as strain-based failure criteria,
while core shear failure is termed a “force-based failure criterion.”
Correspondingly, the terms “strain failure index” and “force failure
index” are used when aggregating these sets of failure modes.

B. Lamination-Parameter-Based Continuous Optimization

The composite optimization problem is solved using a commonly
applied two-step approach [15,59-65]. In the first step, lamination
parameters and thickness of the composite are used as design
variables using efficient gradient-based optimizers. In the second
step, the optimum stiffness design obtained earlier is used as a
starting point to obtain an optimal stacking sequence distribution,
for instance, in [15,65-67].

The continuous optimization step is the focus of this paper,
targeting design studies representative of a preliminary design stage.
The result obtained from this step yields the optimal stiffness
distribution of the structure and is indicative of the structural per-
formance attainable.

The optimization problem can be stated as follows:

min f(x)

subject to:  P;(x) <1, j=1...n

p

8

< <xl oxEx

The design variables x comprise thickness and lamination parame-
ters. The objective function f(x) is to be minimized, structural
weight in this case. The physical constraints P, which are the failure
modes, and the admissibility constraints C on the design variables
are normalized such that values less than 1 are feasible.

The lamination parameter scheme presented in [39] is applied for
the design of sandwich composites. This is an extension to the
classical lamination parameters [68,69] defined for laminates having
a single material basis.

In the general case of symmetric sandwich composites, where
both facesheet and core comprise anisotropic composite materials,
the exact in-plane and bending stiffness matrices are calculated as

A = 1[E"] AU} + 1/€",{U}; &)

3 3
D =" gLy + TP+ () + 1)),
(10)

where ¢t is the thickness, U is the matrix of laminate invariants,
EABuD are lamination parameters, and subscripts f and ¢ denote

properties for the facesheet and core, respectively. The lamination
parameters in the above equations are defined as

11
5{‘1_213_4] = 5/ [cos20(Z), cos 46(Z), sin 20(Z), sin40(Z)]dz (11)
-1

0
£y = =2 /_ 160520(2),cos 40(2).5in 20(6).sin 40 &2
(12)

1
55"2,3’4] =2 A [cos 20(Z), cos 40(Z), sin 20(Z), sin 40(2)]z dz
(13)

3 M _ o o 1=y 1=
5[1?.2_3’4] = 5/_1[005 20(Z), cos 46(Z), sin 20(Z), sin 460(z)]z> dz
14

The definition of the € is presented here for the sake of com-
pleteness. For a symmetric sandwich composite, such as when a
core material is inserted into a symmetric monolithic laminate split
at the center, €5 = —£B«. Since the present study considers such
symmetric sandwich composites, the &% terms are simplified in
Eq. (10) through &2«. While the sandwich composites in this study
are considered to be symmetric, the individual facesheets need not
be symmetric but are certainly antisymmetric to each other. The
lamination parameters and the material invariants can be expressed
in vectorial form as

rr & & 0 07
I =& & 00
" 0 0 —& 1 0
= (15)
=16 o 5 0 1
0 &/2 & 00
LO &/2 =& 0 0
U, 303 2 4]
Qll
U, 4 —40 0
1 On
Us -1 11 -2 —4 0. 16)
U, 11 6 -4 Q‘
Us 11 -2 4 o

The full set of design variables for an optimization in this general
case is

x={ul o &1 &1 g1 e el an

For sandwich composites containing an isotropic core material
with a low stiffness in comparison with the facesheet material, such
as for foam or honeycomb cores, the terms involving the stiffness
contributions from the core in Eqgs. (9) and (10) can be neglected.
The stiffness matrices can be expressed as

A= lf['fA]f{U}f 18

U lg, + ey, (19

B
D = U}, +

resulting in a reduced set of design variables:



Downloaded by Technische Universiteit Delft on January 9, 2026 | http://arc.aiaa.org | DOI: 10.2514/1.C037863

MEDDAIKAR ET AL. 1609

x={tl o1 gl & ) 20)

In the case of monolithic composites, the second term in Eq. (19)
is zero, with ¢, = 0, resulting in the definitions of A and D matrices
corresponding to the classical lamination parameters. Approxima-
tions for D for sandwich composites that circumvent the definition

of the 5?“ lamination parameters are discussed in [39].

1. Accounting for Transverse Shear Stiffness

The transverse shear stiffness in the case of sandwich composites
is considered using the Reissner—-Mindlin plate theory.

The laminate constitutive relation can be represented as

N A B 0
0 0 0 G

where N, M, and Q are the in-plane, bending, and transverse shear
stress resultants, respectively.

The transverse shear component of the laminate constitutive
relation is defined by the stress resultant

T/2 [ Tyz o, -
Q= /—T/Z 23 I O @2
and the stiffness terms

G G
G — [ 44 45] 23)
Gys  Gss

The individual terms in the stiffness matrix are obtained by
integrating through the thickness under the assumption that each
kth ply in the N-ply laminate has a constant thickness and laminate
orientation, resulting in the stiffness terms

N
Gi;= Z(Zk - 210 (24)
k=1

The thickness-dependent term observed in the above equation
¥, (zx — zx_1) is analogous to the in-plane stiffness matrix A.
Consequently, the transverse shear stiffness matrix can be expressed
in terms of existing in-plane lamination parameters and through
material invariants as presented in [30] as

&
A~ A U6
6= "5 11y (25)
1 -¢
(G} = [T){G} (26)

in a vectorized form, where G is the thickness-normalized transverse
shear stiffness matrix and 7 is the total thickness.
The material invariants are defined as

U 6 1 1 Q44

1
211 -1 Oss @n

where Q44 and Qss are a part of the transverse shear terms in the
stress—strain relationship for a transversely isotropic lamina with
values being the engineering constants G,3 and Gy3, respectively.

723 Qu 0 V23
{713 } = 0 Q55 {}'13 } (28)

It is to be noted that Msc.NASTRAN can account for transverse
shear correction factors that depend on the stacking sequence of
the laminate as well. This correction factor is not considered here
given that the optimization is performed in the lamination param-
eter space. This correction can be considered when working
directly with the final stacking sequence of the composite lami-
nates or by accounting for using appropriate submodeling
techniques [40].

2. Admissibility Constraints
Admissibility constraints for lamination parameters are chosen as

formulated in [70] as

Bounds: — 1 < ‘f{?:’fgf}] <1

Feasibility :Fork = A, B,,, D,
2817 - 128 < 1-2(85)°
2(85 + (&8 - 4£18E; + (&D)°
<[& =2 + 111 - &) (29)

More extensive formulations of these constraints exist in the
literature [71-74]; however, the above form has been utilized on
account of its simplicity and the acceptable results attainable [15] in
retrieving the stacking sequence in the second step.

For practical design requirements such as the use of standard
angles [0°, & 45°,90°], requirements on balanced laminates and
limits on angle fractions (such as the 10% rule, which is commonly
applied to avoid matrix-dominated behavior) can be formulated on
the lamination parameters as

Standard Angles:.f[f’ﬂ“'D] =0 (30)
Balance:& =0 31
A L 2gA 1 A _ogA 4
Angle Fraction: v, = m Voo = w7
! Y@
28 -8 +1
Uiys = -

Further constraints on the lamination parameters, such as those
due to blending [75], can also be included but have not been
considered in this work.

III. Monolithic and Sandwich Design Variables in
Optimization

When considering monolithic and sandwich composites as two
design options, the selection between them will be driven by their
relative performance. An optimal solution might include both
design options in different regions of the wing or aircraft, given
that particular design loads might favor one design over the other.
Having an optimization scheme that enables a smooth transition or
selection between a monolithic and a sandwich design would enable
this automated selection. One way to enable this within a continuous
optimization setup is by modeling the sandwich failure constraints
such that the constraints become active only when a core thickness
is added. In other words, there is a positive gradient of the failure
index with respect to the core thickness.

This is seen in the case of the wrinkling constraint shown in the
failure map in Fig. 3. The failure indices of different sandwich
failure modes are plotted for varying core thickness on one element
close to the wing midspan as an example while keeping the element
loads constant. The element considered is in the upper skin, with the
wing box subjected to a pull-up maneuver as an example, and
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core shear failure
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00307 N tf=30mm
— o, \\ == tf=40mm
~ 0.028 -
x
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©
£ 0.026 4
g
=
£ 0.024 4
0.022 -
T T T
0 10 20
core thickness (mm)
wrinkling
—_— tf=20mm
0.125 4 =+ tf=30mm
% 0.100
[}
S .
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E -
=
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o
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7/
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0 10 20
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x
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. i seee tf=30mm
.,I == tf=40mm
T T T
0 10 20
core thickness (mm)
dimpling
0.000150
0.000125 +
0.000100 - tf=20mm
tf=30mm
0.000075 -+ - tf=40mm
0.000050  =orrrrerrer i
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T T T
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core thickness (mm)

Fig. 3 Failure index for different sandwich failure modes in element 64,100,968 (near wing midspan).

experiences a predominantly compressive load with the following
strain state €, = —4098ue, €, = 1333pue¢, y,, = 460uc. In this case,
the thickness of the facesheet and core are varied for a selected set of
lamination parameters, &', = &8, = &P, =0, that is, a quasi-
isotropic or “black aluminum” laminate. A normalized failure index
is chosen such that a value greater than 1 denotes failure. In the case
of an optimization problem including only the wrinkling constraint,
a continuous optimizer will tend to add core material where benefi-
cial and tend toward reducing core thickness when detrimental. By
including a suitable minimum core thickness in a postprocessing
step, the optimal design variables can be interpreted as monolithic or
sandwich design regions.

This, however, is not the case when considering other failure
modes. In the case of core shear failure, for instance, the gradient of
the failure index with respect to the core thickness points toward
increasing core thickness to alleviate the failure mode, whereas
reducing the core thickness to 0 mm, that is, to a monolithic
laminate, should result in the failure mode itself ceasing to exist.
The behavior changes drastically for different facesheet thicknesses
as well. An easier example is the dimpling constraint that does not
explicitly depend on the core thickness, as seen in Eq. (6). The core
thickness only plays a role in the load redistribution arising out of a
changed D matrix on account of the core. In both cases, the
constraint is effectively a step function at zero core thickness,
making it difficult to handle in a gradient-based optimization envi-
ronment.

In order to enable an automatic switch between monolithic and
sandwich composites, a mixed continuous-discrete handling of
design variables and constraints is needed. In the present work,
the choice between monolithic and sandwich composite design
for a given region is made beforehand, and the optimizer works
only with the design variables and constraints that have been set up
in the initial optimization problem.

IV. Model Description

The structural optimization studies in this paper are performed on
the NASA CRM wing [48], specifically on a structural model of the
CRM wing generated at the DLR—Institute of Aeroelasticity [49],
under the configuration name FERMAT shown in Figs. 4 and 5. The
structural model comprises shell and beam elements, with homog-
enized membrane, bending, and transverse shear stiffness terms for
the shell elements in the skin.

The wing model is optimized for two static maneuver points
identified as critical in the flight envelope based on a preliminary
downselection. These are listed in Table 2 and elaborated in [49].
The maximum takeoff weight (MTOW) of the configuration corre-
sponds to 260,000 kg.

Fig. 4 Structural FE model of the CRM aircraft (FERMAT configu-
ration).
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Fig. 5 Structural FE model of the CRM wing (without upper skin for
visualization).

Table 2  Static maneuver load cases considered in the
optimization (EAS, equivalent air speed)

Mass case EAS,m/s n.,g Ma  Flightaltitude, m g, Pa

MTOW 1924 +2.5 0.567 0 22,795
MTOW 221.2 -1.0  0.99 6,523 30,111

A. Material Properties

For the monolithic laminates and facesheets in the sandwich
composite, a carbon fiber epoxy composite (IM7/8552) with the
material properties listed in Table 3 is used.

Material failure in the composite laminate is accounted for using
the AML approach. Failure strengths in compression from experi-
ments for different values of AML [76] are shown in Fig. 6. The
three curves represent open-hole (OHC), filled-hole (FHC), and
unnotched (UNC) levels of damage under compression.

Table 3 Material properties of
carbon-epoxy facesheets (Hexcel

IM?7/8552 UD)
Parameter Value
Density, kg/m? 1580
E,, GPa 147.8
E,, GPa 103
Gy, GPa 5.9
1273 0.27
10000 A OHC
) —-—- FHC _.=z
c —-- UNC P g
£ i L .
g 8000 "/_/ ”/
7] L—" ’/
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Fig. 6 Variation of allowable strains with AML for IM7/8552
composite [76].

In the present study, two types of honeycomb materials for the
sandwich core are studied: 5052 Aluminum and HRH10 Nomex
(aramid). The in-plane stiffness parameters E;, E,, and G, of the
honeycomb are nominally set close to zero (E; = E, = 0.1,
G, = 0.039) since they are not expected to carry in-plane loads.
The other relevant properties [77] are listed in Table 4. The proper-
ties of the honeycomb material are anisotropic in nature, arising
from the different characteristics along the direction of the ribbon
(denoted by subscript L) and transverse to the ribbon direction
(denoted by subscript W). The principal material axis for both the
facesheet and the core is oriented along the front spar, such that
directions 1 (in the composite 1-2 orientation system) and L (in the
core L-W orientation system) are along this material axis for the
facesheet and core material, respectively.

B. Buckling Constraint and Mesh Fineness

The optimization problem is set up with two parallel models: i) a
global finite element (GFEM) or dynamic type model for strains
(such as one shown in Fig. 5) and ii) a finer mesh FE model for
global buckling using the SOL105 [78] solver in Msc.NasTRAN. The
rationale behind using models with different meshes is that for the
global-level structural optimization, which is the aim of this work, a
mesh that is suitable for a loads analysis is typically utilized, as in
this study as well. However, this mesh is not sufficient to capture
inter-stringer or inter-rib stiffener modes, which is why a finer mesh
is used for the buckling analysis.

For the buckling model, a first mesh convergence study is per-
formed and shown in Table 5. MO denotes the GFEM-type model
having one element in the chord direction between two stiffeners
and four elements in the spanwise direction between two ribs.
Meshes M2-M4 are set up by splitting each element from MO into
two, three, and four elements, respectively, as shown in Fig. 7.
Table 5 shows, for instance, that the model denoted as M1 shows
a good compromise between accuracy and computation time. Such a
mesh convergence study could be misleading, given that the critical
buckling factors are dependent on the stiffness of the model being
considered, and different modes might become critical that are
possibly not captured by coarser models.

This is evident when using the models M1-M4 for the buckling
analysis in an optimization. The optimized mass varies widely, and
the buckling factor that drove the actual design itself is larger than
1.5 and hence deemed safe by the optimizer. The optimal design
when evaluated with the finest mesh M4 shows largely violating
buckling factors, given that more localized modes, between two
stringers for instance, are captured by the fine M4 model. A suffi-
ciently fine mesh, M4 in this case, would involve impractically large
run times. The optimization is elaborated later in Sec. V, but the

Table 4 Material properties of honeycomb core material [77]

Density, Cell size, E., Gy, St Gy, Swz,
kg/m? mm MPa MPa MPa MPa MPa
Hexcel HRH10 Nomex (aramid)
64 3 190.0 63.0 2.0 35.0 1.0
5052 Aluminium
144 3 1,034.0 483.0 2.3 214.0 1.5

Table 5 Mesh convergence of CRM model for buckling
solution in Msc.NASTRAN (critical buckling factor greater than
1.5 denotes feasible design)

Critical buckling No. of Computation
Model factors elements time, s
MO 4.17,5.23 ~22k 93
Ml 3.95, 4.64 ~62 k 451
M2 3.94, 447 ~120 k 1135
M4 3.94, 443 ~195 k 4671
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Fig.7 Zoomed perspective of FE model of CRM with mesh densities corresponding to M1 (left) and M4 (right) models (without elements skins of the

center wing box for visualization).

results from this mesh fineness exercise have been included here for
the sake of completeness.

As a compromise, a local buckling analysis outside of Msc.Nas-
TRAN is added, with the assumption that each buckling field is
defined between two stiffeners and two ribs and is idealized as a
simply supported flat plate under constant in-plane loading. The
buckling analysis in this implementation solves an eigenvalue prob-
lem with shape functions for the bending displacement approxi-
mated as one-dimensional Lobatto polynomials. A similar analysis
has been considered, for instance, in [79,80].

This hybrid approach considering a sufficiently tractable global
model combined with a local subpanel buckling analysis, gives
reasonably good results (denoted as M2+ in Table 6).

V. Optimization Parameters

A summary of the optimization objective and constraints included
in the following optimization study is presented in Table 7. In
addition to the lamination parameters and thickness for the shell
elements, the stringers are modeled as T-stiffener beam elements
where the height of the stiffener (hg,) is included as the design
variable, with the flange width kept constant at 20 mm. The stringer
is modeled with the same properties of an IM7 composite as in
Table 3, corresponding to a hard laminate with an AML of —0.1, that
is, a laminate with a large fraction of 0° plies with fiber along the
stringer direction.

The wing is divided into 12 design fields in the spanwise direc-
tion, as shown with the colors in Fig. 5, with each design field
having constant properties. The stringers in each region are also
allocated the same property.

The requirement on ultimate load is introduced directly on the
physical constraints through a safety factor of 1.5 over the limit
loads. Buckling factors are subjected to a lower limit of 1.5. For the
strain- and force-based failure modes, their respective failure indices
are set with an upper limit of 1/1.5, as shown in Table 7. In the case
of the failure modes sandwich wrinkling, crimping, and dimpling,
the failure index is calculated as the ratio between the element stress
and failure stress, as shown in Table 1. For the stringer crippling,
stringer strength, and core-shear failure modes, the allowable strain

Table 7 Optimization summary

Optimization objective min (structural weight)

Optimization constraints

Feasibility LP-space constraints

Balance
Standard angles (0°, 90°, +45°)
Angle fractions, vy, vgg, Vg5 > 0.1
Buckling, 4 > 1.5
AML, fam < 0.67
Stringer strength, f, < 0.67
Stringer crippling, fripp < 0.67
Wrinkling, fyink < 0.67
Crimping, fgimp < 0.67
Dimpling, f gimp < 0.67
Core-shear, f gear < 0.67

Physical

Physical
(sandwich-specific)

Design variables

Monolithic design t, 5‘1443 fﬁ;; Rty

Sandwich design trte, &L P, 5?54; Ty,

of the stringer (from Fig. 6) and the core shear strengths (S, , and
Sy, from Table 4) are used to arrive at the failure indices.

An in-house optimization framework in Python is used for the
continuous optimization and is based on the finite element (FE) solver
Msc.NasTrRAN’s design and sensitivity module SOL 200 and the
Globally Convergent Method of Moving Asymptotes (GCMMA)
[81,82]. The GCMMA has been used to solve structural optimization
problems in earlier works as well [83].

Structural responses such as element strains, element forces,
buckling factors, and their sensitivities are computed in Msc.Nas-
TRAN. The element strains and forces are converted to various failure
indices corresponding to the failure modes considered. The admis-
sibility constraints for lamination parameters and their sensitivities
are also calculated external to the FE solver within the optimization
framework.

The assembled optimization problem, comprising an objective
function, a list of constraints, their bounds, and sensitivities of the

Table 6 Comparison of optimization results between models having different mesh
densities (“+” denotes optimization run including local subpanel buckling analysis as
constraint; run-time from a standard workstation)

Optimized mass

Critical buckling factor

Model (x1000 kg) Buckling factor (checked with M4 model) Run time
MO 9.87 1.50, 1.51 1.02, 1.12 2h
M1 10.40 1.50, 1.52 0.30, 0.40 8h
M1+ 10.81 1.50, 1.51 1.47,1.22 8h
M2 10.85 1.50, 1.52 1.00, 1.08 24 h
M2+ 11.01 1.50, 1.50 1.50, 1.44 24 h
M4 10.97 1.50, 1.51 —, — 4 days
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constraints with respect to the design variables, is fed to the
GCMMA optimizer. The GCMMA algorithm casts the optimization
problem as a series of approximated convex subproblems, which are
solved iteratively. The subproblems are formulated using the
responses and sensitivities of the objective and constraint functions
of the original problem.

VI. Results and Discussion

The results from the optimization study comparing the wing
designs using monolithic and sandwich composites are presented
in this section.

A. Monolithic Versus Sandwich Composite Design

A comparison of the optimized weights of the primary structural
components between the two designs is presented in Table 8. In this
study, the structural components—skins, ribs, and spars—are assigned
as monolithic and sandwich composites in the two runs. The stringers
are always kept as monolithic T-stiffeners. While the ribs and spars
include horizontal and vertical stiffeners, these are initially presized
using handbook methods and are not considered in the optimiza-
tion runs.

When considering the structural mass of the wing box, sandwich
composites with the wing topology as-is offer potential weight

Table 8 Comparison of mass of the wing structural components
for baseline CRM wing

Component Monolithic, kg Sandwich, kg AW,kg AW, %
Upper skin 4,339.4 3,871.0 -468.4  —10.8
Lower skin 1,317.6 1,220.4 -97.2 -7.4
Ribs 1,875.0 1,343.7 -5313 283
Front spar 275.0 208.3 —66.7 —24.3
Rear spar 244.1 203.7 —40.4 -16.6
Midspar 155.1 47 -108.7  —69.7
Stringers (upper) 319.1 307.2 -11.9 -3.7
Stringers (lower) 500.0 461.2 —38.8 -7.8
Wing 10,729.0 9,366.2 —1362.8 —12.7
60
- mo
50 7 —— sw fs
E 40 - —€— SW_CO
- — SW
& 30 1
<
O 20 A
I
-
10 A
05

_/

o
[o)]
1

©
H
1

mo
— SW

strain failure index (-)
o
[6,]

0 10 20 30 40
span location (m)

savings of ~12%. The largest weight savings arise from the upper
skin and the ribs. The former can be expected given that the +2.5 g
pull-up maneuver results in predominantly compression loads on
the upper skin, thereby making it more active in buckling. In the
case of the present CRM wing, several of the critical buckling
modes are present in the ribs, thereby showing the largest weight
savings as well.

The spanwise thickness and constraints of the optimal designs
are shown in Fig. 8 for the upper skin as an example. The strain
failure and core shear (or force) failure indices adhere to an upper
limit of 0.67, while buckling is enforced as a lower limit of 1.5. In
the case of the strain and force failure indices, the critical failure
index in the particular spanwise design field is characterized in the
plot, while for buckling, the relative local amplitude of each mode
together with its buckling factor is used to arrive at a spatial
representation of the critical buckling factor. The thickness and
failure index distribution on the upper skin contain the following
distinct characteristics.

1) At the span-section between 10 and 20 m, the monolithic
design is sized by strain or AML requirements. Consequently, in
this region, the thickness of the facesheet is the same as that of the
thickness of the monolithic laminate, with core thickness remaining
at the minimum gauge set in the optimization.

2) At other segments of the wing, buckling appears to be driving
the design. Consequently, the facesheet thickness in these regions is
less than the monolithic thickness, with core material added in order
to compensate for the bending stiffness required to tackle buckling.

3) The overall thickness of the sandwich design is greater than the
monolithic counterpart. This can, however, be addressed by placing
additional thickness constraints on the optimization to allow only a
certain tolerance with respect to the thickness of the monolithic
composite to account, for instance, for fuel volume.

4) For the considered aluminum honeycomb (Table 4), the high
stiffness and strength properties result in the sandwich failure modes
not being active, except for the core shear failure being critical in a
small region of the wing.

A comparison of the volume fraction on the upper skin in the two
optimized designs and the optimization history corresponding to the
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Fig. 8 Thickness comparison in the upper skin between optimized monolithic and sandwich design (mo, monolithic; sw, sandwich; sw_fs, sandwich

facesheet; sw_co, sandwich core).
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sandwich design is presented in Figs. 9 and 10 for the sake of
completeness. The volume fraction of the 0° direction is compara-
tively higher for both designs, indicating the prominence of strain-
based constraints. It is interesting to note that the volume fraction is
higher in the case of the sandwich wing when compared to the
monolithic design across nearly the entire wingspan. This can be
explained by the fact that the monolithic wing requires a higher
proportion of £45° plies in order to tackle buckling. Given that the
sandwich composite overcomes this in an easier manner by adding a
core material, a larger portion of the laminate is available to be
tailored along the 0° direction to meet strain requirements. The
jumps in the objective and constraints in the optimization history
are an artifact of the GCMMA algorithm, wherein a steepest descent
is carried out in a first step followed by improving the conserva-
tiveness of the approximated response.

The spanwise thickness and constraints of the optimal designs are
shown for the front spar and ribs for the sake of completeness in
Figs. 11 and 12, respectively. In the case of the front spar, the
facesheet thickness in the sandwich design in the midsection of
the wing matches the thickness of the monolithic design, given that
laminate strain is the dominant failure mode. At the root and tip
sections where buckling drives the design, sandwich core material
provides the necessary bending stiffness, leading to weight savings.

1. Aramid Core

A second option for the core material in the form of an aramid
core is considered in the optimization study. The aramid core
material is lighter in density and has the added advantage of better
contact compatibility with carbon fiber materials, whereas contact
with aluminum requires an additional treatment step to tackle
galvanic corrosion. However, aramid as a core material has lower
strength and stiffness when compared to its aluminum counterpart.

The result is that for a wing design with sandwich composites
comprising an aramid core on all the primary structural members
considered (skins, ribs, and spars), a feasible design is not obtained.
This is on account of the sandwich failure modes of wrinkling,
crimping, and core shear failure being simultaneously active in
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Fig. 9 Spanwise volume fractions in the upper skin for the optimized
monolithic and sandwich wing design.
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Fig. 10 Optimization history corresponding to the sandwich composite
design in Sec. VI.A with aluminum honeycomb core (normalized failure
index greater than 1.0 denotes constraint feasibility).

some sections of the wing, with countering requirements with
respect to tackling them through adding or removing core material.
This is particularly severe at the root segments of the wing with the
highest loads.

A study where different core materials are allocated to different
sections of the wing, considering each of their advantages, might
lead to more feasible designs but has not been considered in
this work.

Extending the idea, using sandwich and monolithic composites in
different regions of the wing, benefiting their strengths, would be
done in reality in a more elaborate design study.

B. Variation in Wing Stringer Pitch

The skin-panel-level study on the CRM presented earlier [46]
showed the possibility of increasing the stringer pitch in a sandwich
design without impacting its weight. This would offer the added
advantage of lower lifetime costs when accounting for manufacturing,
inspection, and repairs. The stringer pitch is the distance between two
stringers, 0.247 m in this configuration of the CRM wing.

A study was performed on the CRM wing, where the stringer pitch
on the upper and lower skins was increased with respect to the
baseline stringer pitch. This was done by removing alternative string-
ers in steps, up to the extreme case of a design without stringers. For
each wing topology, a mass optimization was performed, and the
results are summarized in Fig. 13. In the subsequent plots, the wing
structural mass is normalized with respect to the monolithic design
corresponding to the baseline version of the CRM wing (10,729 kg),
which can be considered equivalent to today’s state-of-the-art.

The trend in the weights of the sandwich design shows that the
removal of stringers does not affect the optimized mass, because any
reduction in stringer area is proportionally compensated for by an
increase in skin thickness to counter strains, which are the dominant
design driver. It is, however, surprising to note that the same trend is
also observed in the monolithic design, where removal of stringers
does not lead to an increase in the weight. The initial expectation
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Fig. 12 Thickness comparison in the ribs between optimized monolithic and sandwich design (mo, monolithic; sw, sandwich; sw_fs, sandwich

facesheet; sw_co, sandwich core).

would be that by removing stringers, the dimensions of the buck-
ling field are increased and the bending stiffness of the stiffened
panel is reduced, thereby making the design more susceptible to
local buckling modes. As mentioned earlier, in the present CRM
wing configuration, large portions of the wing are sized by strains.
When stringers are removed, their equivalent in-plane stiffness is

compensated by a proportional increase in skin thickness. With
added skin thickness, the overall bending stiffness is still sufficient
to address buckling, and in the present case, strains remain critical
before buckling due to increased stringer pitch. This, however,
changes in the case of modifying the rib pitch as discussed in the
next section.
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Fig. 13 Stringer pitch variation.

While structural weight is one important parameter driving top-
ology characteristics such as stringer spacing, other requirements
need to be considered as well. For instance, redundancy and damage
tolerance, wherein damage to one stringer still allows the rest of the
structure to be capable of carrying the required loads until the next
repair; the cost of manufacturing and repairs; the type of loading in a
given region; and the wing geometry, to name a few. An optimal
choice for the stringer spacing would consider these relevant aspects
as well.

C. Variation in Rib Pitch

The optimization study on the CRM wing was repeated with
different rib pitches by removing subsequent ribs. The optimized
weights for the monolithic and sandwich designs are summarized in
Fig. 14. With an increase in rib pitch, the monolithic designs
become heavier on account of the larger buckling fields, which
drive buckling to become the driving failure mode. The sandwich
design, on the other hand, benefits through a reduction in weight on
account of the lesser number of ribs, while being able to address
buckling through the addition of core material.

Given the influence of both stringer and rib pitch on the buckling
behavior, it can be expected that an optimum topology from a
weight perspective exists corresponding to the monolithic and
sandwich designs. Another design parameter that can be varied is
the stiffener pitch in the ribs and spars. These have not been varied in
this work, and it can be expected that their variation would lead to a
saving in weight for the sandwich design but lead to a more
buckling-driven monolithic design.
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Fig. 14 Rib pitch variation.

D. Improvements in Facesheet Material

With advancements in materials beyond carbon fiber T300 and
IM7, composite materials exhibiting improvements in failure
strength can be expected. Under such scenarios, buckling is likely
to size larger sections of the wing.

In order to simulate such a scenario, an optimization study was
performed on the CRM wing by varying strain allowables from their
open-hole (OHC, OHT) to unnotched (UNC, UNT) values. The OH
values would represent today’s class of materials, and the sweep
toward UN would represent progressively improving materials
offering larger strain allowables. As the material allowables are
increased, the reduction in wing structural mass is limited for
monolithic designs, as shown in Fig. 15, given that larger segments
of the wing become sized by buckling. This, however, is not the case
for the sandwich composite design, wherein the weight increase to
curtail buckling is marginal and an increase in strain allowables
affords large weight savings.

VII. Discussion
A. Further Aspects to be Considered in Sandwich Composite Design

In the present study, failure modes in the sandwich composite
design are based on empirical and conservative methods presented
in the CMH-17 [55]. This is by no means an exhaustive list of design
criteria that need to be considered. Further aspects for the next
detailed steps are mentioned here.

When sandwich composites with honeycomb cores are cured in a
one-shot process, the facesheets in the manufactured structure
exhibit imperfections in the form of waviness. The waviness results
in an eccentricity in the loading, resulting in additional failure
modes such as a crush and shear failure in the core and adhesive,
as discussed in [84]. The loads at which these failure modes exist
can be lower than the wrinkling loads as predicted in Eq. (4). One
difficulty in modeling these failure modes is that the waviness is
very dependent on the manufacturing process, and detailed micro-
mechanic simulations of the composite manufacturing are needed to
obtain realistic design-dependent values of the expected waviness.

A second aspect is the presence of rampdowns in a sandwich
composite structure. Such rampdowns are primarily present at the
junction between the skin and spars in case the sandwich design
tapers to a monolithic laminate at the joints or when there is a
variation in the core or facesheet thickness along the structure. The
presence of a rampdown introduces out-of-plane stresses, causing
crushing failure in the core, the adhesive to fail in tension, or
additional stresses in the facesheet due to effective stress concen-
trations at the rampdown curvature. Analytical methods to predict
the local stresses have been developed, for instance, in [85,86].
Failure indices or knockdowns in allowables can be included based
on these stress models at the regions of the rampdowns in order to
include their effects in the global optimization.
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Fig. 15 Optimal wing-box mass considering different levels of strain
allowables.
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The mass of the sandwich components in the considered simu-
lation models is composed of contributions from the facesheet and
core. The adhesive that serves to hold the facesheet and core
together and to transmit loads between them is not considered.
Typical thicknesses of the adhesives that are present in literature
have a thickness of ~0.1-0.5 mm. Assuming the higher end of this
thickness range results in a total adhesive weight of ~70 kg for the
two skins.

One of the advantages of sandwich composites discussed earlier
in Sec. I is that for sections of the wing sized by minimum thickness
requirements due to handling, sandwich composites offer a more
efficient solution to monolithic composites. The thickness require-
ments that would also affect each sandwich facesheet if cured
independently can be circumvented by cocuring the sandwich
composite. This process involves simultaneously bonding and cur-
ing the individual facesheets and core and is commonly applied in
the aerospace industry already. Cocuring is advantageous due to a
typically higher bond strength and overall structural integrity. The
downside of cocuring would include more complex tooling and
precise control of process parameters to prevent core crushing, for
example.

The present study is focused on the stiffness optimization step,
and a stacking sequence retrieval is required in order to arrive at a
manufacturable stacking sequence. This is seen as an independent
problem where several solutions have already been studied exten-
sively, for instance, in [15,65-67]. Typically, when going from
lamination parameters to stacking sequence, an increase in weight
is observed on account of simplifications made in the lamination
parameter realm when it comes to the discrete nature of the thick-
ness and ply angles as design variables.

The resulting mass increase from the above-mentioned aspects
needs to be kept in mind when comparing weight benefits.

B. Performance Comparison and Dependence on Wing Model

The CRM wing is a heavily loaded wing on account of its large
span. A different reference wing that shows dominant buckling-
driven regions [15] could show significantly different savings in
weight. Moreover, the initial topology that is considered in terms of
stringer and rib pitch also plays a role in any weight comparison.

In the next step, wing designs with varying geometry, topology,
and loading need to be studied in order to better understand the
types of wings that are naturally suited to sandwich composite
designs and those to monolithic ones.

VIII. Conclusions

This paper presents an optimization methodology and a study on
the CRM wing, comparing structural weight performance between
monolithic and sandwich composite designs. The methodology
proposed builds on earlier works presented by the authors and aims
to represent design studies with a level of fidelity suited to a
preliminary stage of aircraft design.

The approach combines finite element analyses and conservative
empirical relations to model failure mechanisms in sandwich com-
posites, with the focus being on the optimization approach rather
than detailed models of the failure modes.

The optimization studies on the CRM wing show that the sand-
wich composites can result in weight savings of ~12% over today’s
state-of-the-art monolithic composites. This arises due to their
efficiency in addressing buckling failure through the addition of
core material. The studies also show that the topology of the wing in
the form of the number of stringers and ribs is also an important
design parameter to be varied without necessarily imposing weight
penalties through the use of sandwich composites. This could
potentially raise discussions on savings in manufacturing, mainte-
nance, and inspection costs. Furthermore, with continuing improve-
ment in material properties of carbon fiber, the use of sandwich
composites can offer one possible solution of harnessing this poten-
tial advancement more efficiently than with monolithic designs.

In a next step, the optimization approach presented can be ap-
plied to wing configurations with different geometry, loading, and

topology in order to better understand the types of wing structures
where monolithic or sandwich composites show relative weight
benefits and quantify them.
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