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ABSTRACT

Air traffic is expected to double in the next two decades; as result global fuel consumption will increase as
well. With increasing oil prices, fuel will have a more significant impact on the total aircraft operating costs.
In addition, aircraft fuel consumption leads to an increase in greenhouse gases, such as carbon dioxide and
nitrogen oxides. The International Air Transport Action Group has set a goal of achieving carbon-neutral
growth in air travel by 2020, making aircraft fuel consumption an important topic. These economic pressures
and environmental concerns demand a reduction in the fuel consumption.

Reducing the drag of an aircraft is one way to reduce the overall fuel consumption at given flight condi-
tions and given aircraft weight. Non-planar wing aircraft configurations may offer a solution to reduce the
drag while maintaining the performance of today’s aircraft. Previous work on this subject was mainly focused
on the optimization of the non-planar lifting surfaces, while the main wing remains unaffected. Further, the
aerodynamic performance is often evaluated at cruise conditions. The aim of this study is to identify the
effect of using different climb and descent strategies on the planform optimization of non-planar wing con-
figurations in order to reduce overall fuel consumption, therefore reducing aircraft operating costs. In order
to analyze these effects, a generic aero-structural aircraft model combined with a mission analysis model was
developed to assess the aircrafts performance over an entire mission profile.

In the structural model that was developed, a Finite Element Method was applied to optimize the wing
box structural thickness distribution in order to accomplish the minimum wing weight, that complies with
the critical load conditions, as certified in CS25. The aerodynamic model combines a Vortex Lattice Method,
with airfoil lift drag polars, to account for both the induced and parasitic drag. A mission model was created
that simulates the climb and descent phases using two segments of constant equivalent airspeed and a seg-
ment of constant Mach number. The resulting block fuel, or block time, are used as an objective function
within the optimization.

In this study, an Airbus A320 was used as baseline aircraft; the fuselage properties remain constant, and
non-planar wing surfaces are retrofitted on this aircraft. Four types of aircraft configurations were considered:
a planar configuration, a wing with winglet configuration, a C-wing configuration, and a box wing configura-
tion. For each of the configurations types, the entire wing geometry is defined by the design variables. Using
a gradient-based optimization method, the configurations were optimized for minimum fuel consumption
over an entire mission profile. Two mission profiles were considered: a fuel economy mission profile, the
mission that results in the minimum fuel consumption, and a minimum time mission profile, which results
in the minimum block time. To clearly identify the effects of variation in the low speed mission segments, a
short mission range of 600km was considered. In this short range mission, the climb and descent phases are
a significant part of the total mission, so variations in these phases will have a larger effect on the optimal
wing configurations.

In the fuel economy mission profile, the flight speeds in the climb and descent phases are lower compared
to the speeds in the minimum time mission profile. Lower flight speeds result in higher induced drag in these
phases. Therefore, the configurations optimized for the fuel economy mission profile utilize a higher aspect
ratio wing, which results in an lower induced drag. On the other hand, the configurations optimized for the
minimum time mission profile have higher sweep angles to reduce the wave drag, which becomes more sig-
nificant at higher flight speeds.

The optimized wing with winglet and box wing configurations offer fuel reductions up to 2% with respect
to the planar configuration, while the C-wing results in a higher fuel consumption. The non-planar config-
urations show a reduction in induced drag at the cost of higher parasitic drag. For the winglet and C-wing,
the addition of the non-planar surfaces results in higher lift over drag ratios. The lift over drag ratio at cruise
conditions of the box wing is slightly higher compared to that of the planar configuration, but is significantly
lower in the low speed mission segments; however, the box wing offers a low wing mass compensating for the
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poor aerodynamic performance and resulting in a lower fuel consumption. The opposite effect is true for the
C-wing; it requires a heavier wing structure, which negates its better aerodynamic performance. Therefore,
the C-wing results in a higher fuel consumption for the considered mission range. By increasing the mission
range, the aerodynamic performance in the cruise phase becomes more important. Therefore the non-planar
configurations become more fuel efficient with increasing mission length.

B.M. Verhagen
Delft, March 2017
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1
INTRODUCTION

Air traffic is expected to grow over the next few decades [1]; as result global fuel consumption will increase
as well. With increasing oil prices [2], fuel will have a more significant impact on the total aircraft operating
costs. In addition, aircraft fuel consumption leads to an increase in greenhouse gases, such as carbon dioxide
and nitrogen oxides. The International Air Transport Action Group has set a goal of achieving carbon-neutral
growth in air travel by 2020 [3], making aircraft fuel consumption an important topic. These economic pres-
sures and environmental concerns demand a reduction in the fuel consumption.

Reducing the drag of an aircraft is one way to reduce the overall fuel consumption at given flight condi-
tions and given aircraft weight. Unconventional configurations may be a solution to reduce the drag while
maintaining the performance of today’s aircraft. These unconventional aircraft configurations include blended-
wing-bodies, truss-braced wing aircraft, and non-planar wing configurations. This study focuses on the non-
planar wing configurations.

Previous work conducted on the optimization of non-planar wing configurations has limitations: most
studies mainly focused on the optimization of the non-planar surfaces, while the main wing design remains
unchanged. Additionally in these studies the aerodynamic performance has often only been evaluated at
cruise conditions. Furthermore, with such a variety of research objectives requiring multitudes of specific
models it can be difficult to gain insight in the multidisciplinary design choices of these non-planar configura-
tions. This study aims to develop a generic model, with which every arbitrary non-planar wing configurations
can be evaluated based on its aero-structural performance over an entire mission profile. The aerodynamic
and structural models generated aim to model real aircraft behaviour. The next section describes the research
objective of this study. Section 1.2 states the scope of the study and describes the main differences between
this study and previous work on this subject.

1.1. RESEARCH OBJECTIVE
In spite of previous studies on non-planar wing configurations, there is still no definite consensus on which
wing configurations are optimal in terms for fuel consumption [4] [5], as will be expanded upon in chapter
2. Most studies thus far have focused on minimizing the total drag at one specific flight condition. Recent
studies by Jansen et al. [6] have made use of single point optimization at cruise conditions and have used
the Breguet range equation to determine the required fuel for the entire mission [4]. The use of single point
optimization at cruise conditions might result in inaccurate prediction of total aircraft fuel consumption.
The constant L/D , SFC , and flight speed in the Breguet range equation are simplifications that do not reflect
an actual aircraft mission, since their values vary during the mission [7]. Single-point optimization has the
tendency to produce designs with optimal performance under the selected flight condition at the expense
of performance degradation under off-design conditions [7]. Also, this inaccuracy is expected to grow for
shorter missions, as the non-cruise segments become a more significant part of the entire mission.

Accurate calculations of the mission performance and fuel consumption estimation require more realistic
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modelling of an aircraft mission [8], which can be achieved by dividing the mission profile into multiple seg-
ments. The fuel consumption at each segment can then be determined by numerically solving the equations
of motion for symmetric flight [9].

In the non-cruise flight conditions (climb and descent), a significant part of the total mission fuel can be
consumed, especially for short-range missions. In these take-off and final approach conditions, the induced
drag typically accounts for 80-90% of the total drag [10]. However, in the second climb phase, the parasitic
drag contributes to a larger percentage of the total drag compared to the cruise conditions due to the lower
lift coefficient.

The recent study by Skinner et al. [5] indicated that the optimal configuration strongly depends on the
relative importance of the parasitic drag w.r.t. the induced drag. Because the ratio between the drag compo-
nents depends on the flight condition, optimizing for different flight conditions can result in different optimal
designs. Therefore single point optimization may not result in the optimal configuration in terms of fuel con-
sumption when an entire mission is considered. As Jansen et al. suggested, it would be interesting to optimize
over the full mission profile [4], since any changes in the aircraft performance at these low speed conditions
can drastically influence the whole design [11].

Thus, The main research question remains:

How does a full mission analysis affect the most fuel-efficient design of non-planar wing aircraft configurations
considering the low fidelity aero-structural optimization during the preliminary design phase?

The following sub-questions have been formulated to address this question:

1. What is the effect of varying the climb and descent strategies on the most fuel efficient non-planar wing
planform configurations?

2. What is the effect of the addition of non-planar wing surfaces on the fuel consumption considering a
full mission analysis?

3. What is the effect of varying the cruise length and cruise Mach number on the fuel efficiency of the
optimized non-planar wing configurations?

1.2. RESEARCH SCOPE
Although a full mission analysis is performed in this study, the focus lies on the climb and descent segments.
The effect of different climb and descent profiles on the most optimal wing configurations is analyzed. In
order to do this, mission profiles are optimized for the minimum block fuel or minimum block time, resulting
in the fuel economy mission profile and the minimum time mission profile respectively. For these resulting
mission profiles, the four different aircraft configurations are optimized.

The project goal is to perform a mission based planform optimization of non-planar wing configurations
in order to obtain the highest fuel-efficiency. In the proposed study, the entire design space from planar
wings, winglets, C-wings, and box wing configurations is considered. The aero-structural performance is
evaluated at multiple points along the mission profile to determine actual fuel flow at each point. Integrating
the fuel flow over the mission profile results in the total block fuel.

The goal of this proposed research is not to design a complete aircraft, as this requires a specific and
complete design study. Altering the wing configuration may have a significant impact on the entire aircraft
configuration, which is considered outside the scope of this study. Instead, the goal is to explore the multi-
disciplinary considerations in the design of non-planar wing configurations and to show the importance of
including the non-cruise phases in the optimization of non-planar wing aircraft configurations.

The main differences between this study and previous work on non-planar wing aircraft configurations
include:

• The climb and descent phases are taken into account in the mission analysis.
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• A detailed structural model is developed, in which the thickness distribution of the wing box is opti-
mized for the minimum weight at the critical load condition, as defined in the CS25 regulations [12].
Previous studies used the root bending moment or equivalent beam model to estimate the wing weight
[13, 14].

• The induced drag, parasitic drag, and wave drag components are taken into account . Previous studies
often neglected the effect of the wave drag [14]. However, at cruise conditions, this may be a significant
contribution to the total drag.

• The effect of the flight condition of the optimized non-planar wing configuration is analyzed. The aero-
structural performance is evaluated at different flight conditions. Previous studies only considered the
aero-structural performance at the cruise conditions [6, 13].

• The static longitudinal stability and controllability are taken into account. Altering the wing planform
may also require changes to the horizontal stabilizer. By constraining the static margin, the static lon-
gitudinal stability of the aircraft is ensured.

• A mission based optimization is performed with the objective to minimize the block fuel. Most previous
studies had the objective to minimize the total drag [13, 14]. Jansen et al. [6] studied maximizing the
mission range of a non-planar wing configurations.

1.3. REPORT OUTLINE
This report is structured as follows: Chapter 2 provides an extensive overview of the background of non-
planar wing configurations. The fundamentals of drag are discussed, followed by the physics behind non-
planar wing configurations. In addition, previous studies on this subject are discussed and the models used
in their studies are assessed. Also, an analysis of the fuel consumption in the low-speed mission segments
is given for the A320, which is used as baseline aircraft in this study, to provide insight on the importance
of these segments. Chapter 3 provides a detailed overview of the developed model. The assumptions are
stated and a schematic overview of the various modules is provided, followed by a detailed discussion of
these modules. Chapter 4 discusses the optimization set-up. In this chapter, the non-planar configurations
being considered in this study are discussed. Also, the optimization settings, including the design variables,
bounds, and objective functions are discussed in this chapter. Chapter 5 presents the results of this study.
The effect of the cost factor on the mission profile using a fixed wing planform is discussed. This is followed
by a discussion of the optimized non-planar wing planforms. Lastly, the effect of the cruise characteristics
on the efficiency of the non-planar wing configurations is analyzed. Chapter 6 provides the conclusions from
this research. In chapter 7 recommendations for further research on this subject are presented.





2
BACKGROUND

This chapter presents the required background knowledge for the research performed on the non-planar
wing configurations. The first section describes the fundamentals of drag. Sections 2.2 to 2.4 describe the
physics behind non-planar wing configurations and how they are used to reduce the induced drag. Section
2.5 gives a brief overview of the previous research on non-planar wing configurations. Finally, section 2.6
analyzes the fuel consumption in the non-cruise phases of a typical flight, which is used to support the main
purpose of this thesis as will be clarified in the next chapter.

2.1. FUNDAMENTALS OF DRAG
The aircraft drag typically consist of two components: the parasitic drag and the induced drag. The parasitic
drag can be divided in the friction drag, interference drag, and the wave drag as can be seen in figure 2.1.

Figure 2.1: Components of drag [15]

The total drag can be written in dimensional form as shown in equation 2.1. The first term relates to the
parasitic drag component and the second term relates to the induced drag component.

D = qSCDp +
L2

qπb2e
(2.1)

With

q = 1

2
ρV 2 (2.2)

Where CDp is the dimensionless parasitic drag coefficient, q is the dynamic pressure, S is the wing refer-
ence area, b is the wing span, L is the lift, and e is the Oswald factor. As can be seen from equations 2.1 and
2.2, the drag components are dependent on the flight speed. At low speeds the induced drag is dominant,
while at high speeds the friction drag is dominant. This effect is illustrated in figure 2.2. At cruise conditions
of commercial aircraft, the induced drag accounts for a large fraction (typically about 40%) of the total drag
[10]. At take-off and climb conditions, the induced drag plays a even more important role. At these condi-
tions, the induced drag typically account for 80% to 90% of the total drag [10].
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The drag can be written in dimensionless form as follows:

CD =CDp +
C 2

L

πAe
(2.3)

Where CDp is the parasitic drag coefficient, CL is the lift coefficient, and A is the wing aspect ratio.

Figure 2.2: Components of drag as function of flight
speed [16] Figure 2.3: local friction coefficient as function of Reynolds

number [17]

The parasitic drag is the sum of friction drag and pressure drag. For wings with an attached flow, friction
drag is the most significant. Friction drag is the result of friction between the air molecules and the wing
surfaces. Due to the viscosity of air, molecules that flow past the wing surface generate frictional forces. The
molecules just above the wing surface are slowed down due to these frictional forces. By moving further away
from the surface, less air is slowed down. The result is a thin layer of air near the wing surface in which the
velocity changes from zero at the surface to the free stream value away from the surface. This layer is called
the boundary layer.

The friction drag is dependent on the characteristics of the boundary layer. A turbulent boundary layer
has a higher friction coefficient than a laminar boundary layer because more shear stress is generated at the
surface. The friction coefficient of an airfoil can be determined using equation 2.4, where c f is the local fric-
tion coefficient and c is the chord length. The local friction coefficient is a function of the Reynolds number
[17]. Increasing the Reynolds number decreases the friction drag coefficient as shown in figure 2.3. The val-
ues in this figure correspond to the flow over a flat plate [17]. The friction drag can then be determined using
equation 2.5. This equation shows that the friction drag of the wing is proportional to its wetted area.

C f =
1

c

∫ c

0
c f d x (2.4)

D f =C f qSwet ted (2.5)

Induced drag arises due to pressure differences between the upper and lower surface of a wing. Due to
the pressure differences, tip vortices induce a downwash over the wing. This effect is illustrated in figure 2.4.
The downwash adds a vertical component to the free stream flow, which reduces the effective angle of attack
of the wing. Since the lift of a wing acts perpendicular to the free stream flow, the lift vector is tilted backwards
which induces a drag component as can be seen in figure 2.5.
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Figure 2.4: Illustration of the downwash created by tip
vortices [18]

Figure 2.5: Change in free stream flow direction due to induced
downwash on the wing [19]

2.2. INDUCED DRAG REDUCTION CONCEPTS
The efficiency of the wing in terms of induced drag, is often referred to as the span efficiency factor of the
wing. The span efficiency indicates the variation of drag with lift. Munk concluded in 1921 [20] that the min-
imum induced drag is obtained if the downwash distribution is constant in the far wake field [11]. For planar
wings, this condition is obtained at an elliptical lift distribution over the wing span. In this case the span
efficiency factor has its maximum value of unity for planar wings.

According to equation 2.3, the induced drag can be reduced by increasing the aspect ratio or by increas-
ing the span efficiency factor. A 10% increase in wing span can lead to 17% reduction in induced drag [11].
However the wing span is often constraint due to structural reasons. By increasing the span, the center of
lift moves away from the root which increases the bending moments and thus the wing weight. Also due to
airport requirements and aeroelastic effects such as an early flutter onset, increasing the wing span is not
always a feasible option.

As mentioned before, a planar wing has a maximum span efficiency of unity. For non-planar configu-
rations this factor can be increased, which could reduce the induced drag significantly compared to planar
wings. Kroo [10, 11, 21] studied the effect of non-planar configurations on the induced drag extensively. Fig-
ure 2.6 shows possible configurations with their corresponding optimal span efficiency at a height over span
ratio h/b of 0.2. Some of these concepts make use of end-plates or winglets, while other configurations have
an increased aspect ratio for the individual wings by distributing the wing into multiple wings with equal
span and the same total area [22]. Examples of this latter configurations include the biplanes. The closed
box wing configuration has the highest theoretical span efficiency factor. This configuration originates from
Prandtl’s best wing system, as will be discussed in more detail in the next section. Figure 2.7 shows the effect
of increasing the height over span ratio h/b. This allows for even higher span efficiencies due to reduced in-
terference effects between the lifting surfaces [10].

Figure 2.6: Nonplanar configurations with their span effi-
ciency at h/b = 0.2 [11]

Figure 2.7: Effect of h/b ratio on the induced drag for nonpla-
nar concepts [11]
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2.3. PRANDTL’S BEST WING SYSTEM
The best wing system idea was presented in 1924 by Prandtl [23]. He studied the effect of induced drag on
biplanes and triplanes. When the two wings have an equal span, the induced drag is reduced to a minimum
[23]. The addition of end plates allows for a further reduction of the induced drag. He proposed a configura-
tion where the tips of the biplane wings are connected, forming a closed box wing configuration as shown in
figure 2.8.

Figure 2.8: Prandtl’s best wing system [23]

Figure 2.9: Best wing system optimal lift distri-
bution. [24]

The best wing system has an identical lift distribution on each of the horizontal wings and a ’butterfly’
shaped lift distribution on the vertical wing tips. The lift goes to zero at the center of the vertical wing tips
[23]. This lift distribution is shown in figure 2.9. At these conditions the induced velocities are constant along
the span, resulting in the minimum induced drag.

Munk studied how the interference drag on each surface varied as the longitudinal separation between
the lifting surfaces was changed [20]. He found that if the circulation of each lifting surface remains constant,
the total induced drag of the system remains unchanged. So the induced drag is independent of the longi-
tudinal position of the lifting surfaces as long as the total circulation for each surface remains constant. This
effect is known as Munk’s stagger theorem [11]. By applying Munk’s stagger theorem, it can be shown that
stagger and sweep of the lifting surfaces does not affect the induced drag of the system if the lift distribution
remains unchanged, see figure 2.10.

Figure 2.10: Application of Munk’s stagger theorem [25]

2.4. PHYSICS OF NON-PLANAR CONFIGURATIONS
Gall [25] described the physical effect of placing an end-plate at the wing tip. In order to describe these effects,
the following cases are analyzed:

• The induced drag by the wing itself

• The induced drag by the wing on the end plate

• The induced drag by the winglet itself
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• The induced drag by the winglet on the wing

Figure 2.11 (a) shows the induced flows of the wing itself. Due to the pressure differences between the
top and bottom of the wing, vortices originate at the wing tip that induce a downwash component ww over
the wing. This changes the direction of the free stream, which results in an aft tilted resultant vector F . This
vector can be decomposed in the lift vector L and the induced drag Di .

Figure 2.11 (b) shows the induced drag of the wing on the winglet. The vortices at the wing tips induce a
cross flow vw over the winglet. This changes the direction of the free stream, which results in resultant force
F to be tilted forward. This vector can be decomposed into an inward force S.F. and an induced drag com-
ponent Di . Because the induced drag vector Di is pointing forward, this drag component is actually a small
thrust force.

Figure 2.11: Induced drag due to the wing [25]

Figure 2.12 (c) shows the induced drag of the winglet itself. This effect is similar to the one depicted in
figure 2.11 (a). The vortices created by the winglet induce a outward crossflow vwl on itself. This results in an
outward pointing freestream vector, resulting in the induced drag component Di as shown in the figure.

Finally, figure 2.12 (d) shows the induced drag of the winglet on the wing. The vortex created at the ’root’
side of the winglet induces a upwash on the wing wwl . This rotates the resultant force acting on the wing
forward. This effect also creates a small thrust force.

Figure 2.12: Induced drag due to the winglet [25]

The minimum induced drag of the system is obtained if the resultant sidewash on the winglet equals zero.
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This is the case if the effects as described in figures 2.11 (b) and 2.12 (c) cancel each other. In this case, only
a inward pointing force S.F. is acting on the winglet. On the wing, a part of the downwash ww is cancelled by
the upwash generated by the winglet wwl . Therefore the resulting vector will be pointed less aft, reducing the
induced drag. These effects are summarized in figure 2.13.

Figure 2.13: Combined induced drag effects on a wing-winglet configuration [25]

Prandtl’s best wing system consists of two ’wing-winglet’ configurations placed on top of each other. As
described in section 2.3, the lift goes to zero at the point where the winglets meet. The optimal lift distribution
of the box wing is obtained if both the horizontal wings carry the same amount of lift [23], as shown in figure
2.14 (f). Kroo [10] stated that a fixed circulation can be added to the system without changing the lift and
induced drag. In this case, the lower wing carries all the required lift and the upper wing carries no or even
negative lift. This makes the inner part of the upper surface redundant and it can be removed. This results in
the C-wing geometry as shown in figure 2.14 (c)-(e). By removing the inner part of the upper wing, the wetted
area is significantly reduced. Therefore the parasitic drag component of this configuration is expected to be
lower compared to the box wing configuration. However, the span efficiency of a C-wing approximates the
box wing value as shown in the figure.

Figure 2.14: Optimal load distribution on non-planar wing configurations [10]
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2.5. PREVIOUS OPTIMIZATION STUDIES ON NON-PLANAR WING CONFIGURA-
TIONS

This section assesses the recent research performed on non-planar wing configurations. In addition, the dif-
ferences of the most relevant studies are schematically summarized to provide a clear overview. The following
studies are considered to provide background information on non-planar configuartions and to outline vari-
ous factors that come into play when optimizing non-planar wing configurations:

• Drag characteristics for Optimally Span-Loaded Planar, Wingletted, and C Wings (2009) [13]

• Tip Extensions, Winglets, and C-wings: Conceptual Design and Optimization (2010) [14]

• Aerostructural Optimization of Nonplanar Lifting Surfaces (2010) [26]

• Aerodynamic Design Optimisation on Non-planar Lifting Surfaces (2016) [5]

2.5.1. ASSESSMENT OF PREVIOUS OPTIMIZATION STUDIES
The optimization studies under consideration have different goals for which different methods and con-
straints are applied to perform trade-off studies. This sections summarizes and compares the main differ-
ences in each study. Each study is assessed based on goals, models, constraints, design freedom, and op-
timization methods used. Assessment criteria are discussed. Results and conclusions from these studies
contributed towards the creation of a model to support the current research.

GOAL OF STUDIES

Verstraeten et al [13] optimized the spanwise wing loading under fixed lift and root bending moment (RBM)
constraints for a given winglet height and C-wing horizontal length. In addition, they performed linear op-
timization using Lagrange multipliers to trade-off the effect of winglet height and C-wing length. Ning et al.
[14] demonstrated the importance of comparing wing weights at their critical load conditions. They used a
more representative method to determine the wing weight. They compared the differences in induced drag
for a fixed wetted area and fixed wing weight at various ratios of manoeuvre lift coefficient w.r.t. cruise lift co-
efficient CLmanoeuvr e /CLcr ui se . Jansen et al [26] performed aerostructural optimizations, in which the optimizer
is given as much as freedom as possible. They took the aerostructural deflections into account to determine
the aerodynamic performance and the structural wing weight. Finally, they used an equivalent beam model
approach to explore the effect of structural sizing on the non-planar configurations.

STRUCTURAL MODELS

The structural models used in the reviewed studies vary from one another. However, the computational cost
of all the methods is low which is a requirement for the preliminary optimization. Most studies, especially the
more dated ones, use the Root Bending Moment (RBM) as measure for the structural wing weight. Ning et
al. [14] concluded that the RBM as means of structural weight determination provides inappropriate results.
The RBM method does not account for the effect of chordwise changes in the planform on the bending mo-
ment. Especially for non-planar configurations, the RBM method can result in inaccurate results since the
moment arm of the non-planar surfaces can be very small, resulting in negligible or even negative bending
moment contribution. Therefore they proposed adding the area-dependent weight to the load-depending
weight model. This solution provides a better approximation of the wing weight. Jansen et al [26] modelled
the structure of the wing using an equivalent beam finite element approach. This method provides an ade-
quate approximation of the stiffness and deflection behaviour of a real wing.

AERODYNAMIC ANALYSIS

Since the main purpose of non-planar configurations is to reduce the induced drag, this effect is studied
most. Many of the preliminary studies examined the effect of various non-planar concepts on the induced
drag component, while ignoring parasitic drag despite the fact that the addition of non-planar surfaces can
significantly increase the parasitic drag. Therefore, the most recent optimization studies also take this drag
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component into account. At high subsonic and transonic flight conditions, the compressibility drag also be-
comes more important. Jansen et al. [26] included this drag component in his study, while Verstraeten et al.
[13] and Ning et al. [14] neglected this effect or considered low subsonic conditions where the effect is less
significant.

The methods used to determine parasitic and induced drag are comparable amongst the more recent
studies. These studies use different programs to determine the induced drag component. However, the pro-
grams used are all based on the same principle: a VLM method is used in which the induced drag is calculated
at the Trefftz plane. Also, the parasitic drag is calculated similarly. The section drag coefficient is assumed to
depend on the section lift coefficient according to a parabolic variation. Jansen et al. [26] included the ef-
fect of variation in the Reynolds number to determine the sections drag coefficient. This is important since a
lower chord length results in a lower Reynolds number, which increases the sectional drag coefficient. Finally,
the sectional drag coefficient is interpolated in spanwise direction to obtain the parasitic drag coefficient for
the complete wing.

OPTIMIZATION METHODS

The preliminary studies were often based on wind tunnel measurements and analytical solutions. In these
studies, a ’one at a time’ approach is used to determine the effect of various parameters. Verstraten et al. [13]
and Ning et al. [14] used quadratic programming problems combined with Lagrange multipliers to study the
effects of changing a selection of design parameters. These methods are well suited to perform trade studies
where only a limited amount of geometric parameters is varied. However, in order to perform a full optimiza-
tion study with a higher number of design variables, a nonlinear optimization method is necessary. Ning et
al. used a gradient based optimization method to optimize a winglet. Jansen studied a wider range of non-
planar concepts, ranging from planar wings to box wings. This design space contains a lot of local minima.
Therefore a gradient based optimizer was not feasible and a particle swarm optimization method was used.
All the reviewed studies performed the aerodynamic trade-off studies and optimization problems at a single
flight condition, which is often a point in the cruise phase of a mission.

CONSTRAINTS

Most studies used constraints for the trade studies and optimization problems of non-planar tip devices. The
most common used, are the RBM, fixed lift, or fixed wetted area constraints. These are simple methods which
can be used during the preliminary trade-off studies. However, to perform a full optimization problem, the
aerostrucutral coupling has to be taken into account where the lift and weight comply with the equations of
motion for the considered flight condition.

DESIGN FREEDOM

Finally, the design freedom varies for the reviewed studies. Verstraeten et al. [13] only varied the winglet
height and C-wing length. Ning et al. [14] allowed the optimizer to vary the winglet geometry with high free-
dom, but maintained a fixed main wing planform. Jansen et al. [26] gave the optimizer as much freedom as
possible to design a wing within a defined design space using up to four surfaces.

2.5.2. PARASITIC VS INDUCED DRAG
As discussed above, the question if a configuration can result in a total drag reduction depends on the mod-
els used and assumptions made to determine the parasitic and induced drag components. Since there is
no conclusive answer to this question, Skinner et al. [5] performed multi-objective optimizations of various
non-planar wing configurations. For each configuration they determined the increment in parasitic drag and
the reduction in induced drag. This resulted in the formation of the Pareto fronts for tip-extension, winglet,
and highly non-planar configurations. A non-planar configuration can results in a total drag reduction if the
reduction in induced drag can outweigh the increase in parasitic drag.

Figure 2.15 shows the resulting Pareto fronts under various RBM and span constraints for the winglet
configurations. In addition to the winglet, the outer 25% of the wing is also taken into account for the op-
timization. The configurations explored by Skinner are depicted in figure 2.16. By moving along the Pareto



2.5. PREVIOUS OPTIMIZATION STUDIES ON NON-PLANAR WING CONFIGURATIONS 13

front form (c) to (a), it shows that the dihedral angle of the winglet decreases and the sweep increases. From
these images, it also becomes apparent that a heavier structure (larger RBM) allows for a larger induced drag
reduction at the expense of an increasing parasitic drag component.

Figure 2.15: Pareto front of winglet configuration opti-
mization [5] Figure 2.16: Winglet configurations as indicated in the

Pareto front [5]

Figure 2.17 shows the Pareto front under span constraints for highly non-planar configurations. The con-
figurations as indicated by the characters coincidence with the configurations shown in figure 2.18. The re-
sulting Pareto front is approximately linear. The closed configurations show a large reduction in induced drag,
while the parasitic drag is significantly increased. Both the horizontal lifting surfaces provide a positive and
similar portion of the total lift. This is in agreement with Prandtl’s best wing system as presented in section
2.1. The horizontal surface of the C-wing provides a negative lifting force. This is in agreement with Kroo’s
description of the C-wing configurations as discussed in section 2.1.

Figure 2.17: Pareto front of the highly non-planar wing con-
figuration optimization [5] Figure 2.18: Highly non-planar configurations as indicated

in the Pareto front [5]

Since both drag components have a unequal contribution to the total drag, the question if the reduction
in induced drag can outweigh the increment in parasitic drag, depends on the ’relative importance’ of the two
drag components. According to equation 2.1, the induced drag increases with increasing lift coefficient and
decreasing velocity. According to Kroo, during climb the induced drag can take up to 80% of the total drag;
while in cruise conditions, the induced drag is typically around 40% of the total drag. Since the ratio between
the drag components differs with flight condition, the configuration with the lowest total drag also depends
on the considered flight condition.
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Because the fuel consumption strongly depends on the total drag, the fuel consumption during the dif-
ferent flight phases of an A320 is analyzed in section 2.6. The fuel consumed during the climb, cruise, and
descent phases was determined for mission ranges of 500km to 2000km. According to these results, the fuel
consumed in the non-cruise phases can be a significant fraction of the total fuel consumed, especially for
short range missions. Because the optimal configuration depends on the ratio between the drag components
and differs significantly in the non-cruise phases, it is important to take the non-cruise flight conditions into
account when a configuration is optimized for the minimum required block fuel.

2.5.3. SCHEMATIC OVERVIEW

Table 2.1 gives a schematic overview of the differences in relevant research literature as previously discussed.
The comparison is based on the drag components used in the aerodynamic analysis, structural weight es-
timation methods, the optimization methods used, the considered configurations, and the leven of design
freedom.

Table 2.1: Used models and assumptions for the most relevant reviewed studies

Verstraeten Ning Jansen Skinner

A
er

o.

Induced drag X X X X
Viscous drag X X X X
Compressibility drag X

St
ru

ct
u

ra
l

Root bending moment X X
RBM + area dependency X
Equivalent beam model X
Aeroelastic deformations X
Cruise condition X X X X
Manoeuvre condition X X

O
p

t. Linear trade-off study X X
Non-linear optimization study X X X

D
es

.s
p

ac
e Tip extension X X X X

Winglet X X X X
C-wing X X X
Box wing X X

D
es

.F
re

ed
o

m

Fixed planform with:
- Limited freedom of tip device geometry X
- High freedom of tip device geometry X X
High freedom planform with:
- High freedom of tip device geometry X

2.6. ANALYSIS OF THE FUEL CONSUMPTION IN THE NON-CRUISE PHASES

As mentioned in the previous section, the minimum drag configuration depends on the ratio between the
drag components. This ratio changes according to climb, descent, and cruise conditions and can have a sig-
nificant impact on the block fuel: the required fuel amount to perform a mission. In this section, the amount
of fuel used during these non-cruise phases is determined as fraction of the total block fuel.

For this purpose, the software tool Piano-X [27] was used to analyze the mission of an A320-214 aircraft.
Figure 2.19 shows a typical mission profile for a Airbus A320-214 with a range of 1000 km. Figure 2.20 shows
the cumulative fuel consumption over this mission profile. By differentiating this fuel consumption w.r.t the
time, the fuel flow is obtained as shown in figure 2.21. It can be seen that the fuel consumed during take-off
and climb constitutes a significant portion of the total fuel consumption for a 1000km mission.
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Figure 2.19: 500NM mission profile for the A320-214
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Figure 2.20: Accumulative fuel consumption for the A320-214

Figure 2.22 shows the relative fuel consumption of the A320 carrying the same payload of 4000kg for dif-
ferent mission ranges. According to this figure the fuel consumption in climb and descent phases can be more
than half of the total fuel consumption for short range missions. Because the ratio of the drag components
can be radically different at these non-cruise conditions, it is important to take these phases into account
when optimizing a configuration for minimum block fuel.
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Figure 2.21: Fuel flow of the A320-214 during the 500NM mission
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3
MODEL

In order to determine the effects of the climb and descent segments of a mission on the non-planar wing con-
figurations, a generic model has been developed that allows for the evaluation arbitrary wing configurations.
This model consists of a structural module, an aerodynamic module, a mission module, a stability module,
and a propulsion module. Figure 3.1 shows a step-by-step diagram of how the model was created. First, for
each module the required meshes and analysis tools were created. Subsequently, the optimal number of dis-
cretization steps has been determined where necessary. After all the modules were created and validated,
a Design of Experiments (DoE) and sensitivity analysis have been performed as preparation for the design
optimization studies.
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Figure 3.1: Step-by-step diagram of the model creation process

This chapter is structured as follows: section 3.1 states the main assumptions and their effects. Section
3.2 presents a schematic overview of the program flow between the various modules. Section 3.3 describes
the baseline A320 model with its properties. Section 3.4 describes the wing parametrization. Finally, sections
3.5 and 3.6 describe each of the modules in more detail. All the presented figures in this section refer to the
evaluation of the reference A320-200 wing.

17
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3.1. ASSUMPTIONS
The main assumptions made in the model are:

• Only symmetric flight is considered.
The mission model considers only symmetric flight. In reality an aircraft will perform lateral manoeu-
vres, e.g. turns. Especially in the initial climb and final approach phase these lateral manoeuvres may
be performed. Also, no gusts or tail wind is taken into account.

• Only longitudinal stability.
As a consequence of the previous assumption, only longitudinal stability and control is considered.

• Fuselage group properties are assumed to remain constant.
The non-planar wing configurations will be retro fitted on the conventional A320. This implies that the
fuselage group properties, fuselage group weight, fuselage group drag, and weight distribution remain
constant.

• 15% fuel is stored in the tail tanks.
For configurations with a tail (planar, winglet, and C-wing) 15% of the fuel is assumed to be stored in
the tail.

• Aeroelastic effects are neglected
In this study, the aeroelastic effects are neglected. In reality the wing will deform under the aerody-
namic loads resulting in an upward bending. This will affect the lift distribution and thus the aerody-
namic properties of the aircraft. In the present study the wing is assumed to remain in its rig shape.

• The maximum operating speed and Mach number (VMO /MMO ) remains constant.
When the effect of the cost factor is analyzed, the optimizer is allowed to vary the climb speeds of
the aircraft. Stall constrains the lower bound of the speed. The upper bound of the speed range is con-
strained by the maximum operating speed. This speed may be affected by changing the wing planform.
However, in this study the VMO and MMO are assumed to remain constant.

• Same engine location as percentage of span.
The engines used in this study are the CFM56-5B, which are most common used on the A320 aircraft.
The optimal location of the engines can vary with changing the wing geometry. In this study the span-
wise location of the engines, as percentage of the span, is assumed to remain constant.

• Fuselage has no effect in aerodynamic analysis
The fuselage group is assumed to have no effect on the aerodynamic properties of the aircraft. Only
the constant fuselage drag area (CD · S) is accounted for. Also, in the aerodynamic (VLM) model, the
fuselage is not modelled. Therefore it will not effect the lift distribution of the wings. However, exper-
imental studies on wing-body configurations (with different values of span and fuselage width) have
demonstrated that the fuselage generates a lift contribution about the same as the contribution lost by
the part of the wing masked by the fuselage [28].

• Fuel fractions used below 1500ft remain constant
The fuel burned during the initial and final mission segments from engine warm-up up to 1500ft, and
from 1500ft to engine shutdown are determined using the fuel fractions method. In section 3.3.4 is
explained how these fuel fractions are determined. Changing the wing geometry will affect these fuel
fractions. However, in this study these fractions are assumed to remain constant.

• Manufacturing constraints for the wing box are not taken into account
Section 3.6 presents the structural model of the wingbox. A FEM model is used in which the thickness
of each of the wingbox segments is optimized to the minimum weight. This may result in a irregular
thickness distribution, which is not practical due to manufacturing reasons. However, there are no
constraints on irregular thicknesses. Only a minimum thickness for the skin and booms is accounted
for as will be explained in section 3.6.3.

• Constant payload
The payload in the presented study remains constant and equal to the design payload of the conven-
tional A320 reference aircraft.
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3.2. SCHEMATIC OVERVIEW OF THE ANALYSIS
Figure 3.2 shows a basic overview of the connection between the various modules used for this study. For a
given wing parametrization, aerodynamic and structural meshes are created. Using theses meshes, the wing
weight of the corresponding configuration is determined in the structural module. In the aerodynamics mod-
ule, an aero map is created, which determines the lift and drag coefficients as function of angle of attack and
Mach number. These results, in combination with engine interpolation tables, are required by the mission
analysis. Finally, the design is checked for stability, controllability and stall speed. Around this entire model,
an optimization is applied which minimizes a given objective function.

The most important input and output variables of each module are shown in figure 3.2. Each of the blocks
indicated in the figure will be discussed in more detail in the remaining sections of this chapter.
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Engine Module SFC, max. thrust

Figure 3.2: Design Structure Matrix of the coupling between the various modules

3.3. BASELINE MODEL - A320
In order to perform the proposed research, a baseline aircraft has to be selected which is suitable for the pro-
posed research. This baseline aircraft is used to determine the weight and drag contribution of the fuselage
group. In addition, the weight distribution of this baseline aircraft is used in the stability and controllability
module of the presented model to ensure controllability and stability of the optimized configurations.

The aircraft selected as baseline for the proposed optimization study is the Airbus A320-200. It has a
design range of 2700 NM [29], however most flights are considerably shorter [30]. Figure 3.3 shows the fre-
quency as function of flight distance for all A320 family aircraft in the US national airspace in one day [30].
It can be seen that most flights are in the 200NM to 1200NM range. As concluded in chapter 2.6, the fuel
consumption during the climb and descent phases is a significant fraction of the total fuel consumption for
these short range flights. Therefore, the A320 provides a suitable baseline and reference to study the effects of
including these non-cruise performance aspects. In addition, the A320 is one of the most widely used aircraft.

Section 3.3.1 provides the main characteristics of the A320-200. Section 3.3.2 discusses how the fuselage
weight and drag components, which are held constant in this study, are determined. Section 3.3.3 discusses
weight and longitudinal location of the various aircraft components, which is required by the stability mod-
ule. Finally, section 3.3.4 discusses the fuel consumption in the landing-takeoff (LTO) segments.
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Figure 3.3: Frequency of mission length of the A320 in US airspace [30].

3.3.1. CHARACTERISTICS OF THE A320

The most important weight, planform, and flight condition characteristics of the A320 are shown in table 3.1
[29, 31]. These characteristics will be used to determine the fuselage group properties as discussed below. In
addition, the values are used for validation purposes.

Table 3.1: Main characteristics of the A320

Weights

Max. take-off 73500 [kg ]
Zero-fuel 60500 [kg ]
Engine (CFM56-5B) dry weight [32] 2500 [kg ]

Wing Planform

Area 122.40 [m2]
Span 33.91 [m]
MAC 4.29 [m]
Aspect Ratio 9.39 [−]
Taper Ratio 0.24 [−]
1/4 Chord Sweep 25.00 [◦]

Typical cruise conditions

Speed 448 [kt s]
Mach 0.78 [-]
Altitude 37000 [ f t ]
Fuel consumption 2100 [kg /h]
Design range 2700 [N M ]
L/Dcr ui se 16.00 [−]

Maximum operating conditions

VMO 350 [kt s]
MMO 0.82 [-]
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3.3.2. DETERMINATION OF THE FUSELAGE GROUP PROPERTIES
The fuselage group is defined as the complete aircraft minus its lifting surfaces, i.e. the aircraft minus the
wing and horizontal stabilizer, and engines, nacelles, and control surfaces. In this study, the fuselage prop-
erties are determined at the beginning of the optimization process and their values are assumed to remain
constant. The advantage of this approach is that it does not require the analysis of the entire aircraft as result
on changes in the wing configuration.

X
 [m

]

Y [m]

A320 Baseline
Constant fuselage group
Aerodynamic VLM mesh
Structural box wing mesh

Figure 3.4: Reference A320 with illustration of the corresponding aerodynamic and structural meshes as used in this study [33]

The weight of the fuselage group can be determined using equation 3.1. The wing weight of the reference
A320 will be determined with the structural module at its critical load conditions. The fuel weight can be de-
termined using the mission analysis module. In this method, the resulting fuselage group weight is assumed
to be constant during the optimization.

W f us =WMT OWr e f −W f ueldes
−Wwi ngr e f −WPL,des (3.1)

The drag of the fuselage group CD f us can be determined using the aerodynamic module at cruise condi-
tions to determine the lift and drag coefficients for the lifting surfaces. Using equation 3.2, the drag coefficient
of the fuselage group can be determined.(

CL

CD

)
r e f

=
CLwi ng +CLh−t ai l

CDwi ng +CDh−t ai l +CD f us

(3.2)
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Where
(

CL
CD

)
r e f

is assumed to be 16.0 at cruise conditions [31]. The lift and drag coefficient of the tail and

horizontal stabilizer are determined by evaluating the reference A320 with the program presented in this sec-
tion.

By rewriting equation 3.2, the fuselage group drag coefficient can be determined. Because the reference
area of the to be analyzed wing configrations can vary significantly, the drag area CD f us ·Sr e f is assumed to be
constant.

3.3.3. WEIGHT DISTRIBUTION

The weight distribution of the aircraft is required to determine the static stability and controllability of the
aircraft, as will be discussed in more detail in section 4.3. For each subgroup within the fuselage group, the
weight is determined using the Torenbeek relations [34]. The longitudinal position of each subgroup is deter-
mined based on the Airbus A320 Aircraft Characteristics Airport and Maintenance Planning document [33].
Table 3.2 presents these weights with their corresponding longitudinal location of the A320. The location of
the components in the fuselage group are assumed to remain constant in the optimization studies. The lo-
cation of the components in the wing group are varied within the model. In addition, the weight of the wing
and horizontal tail are computed by the model for the analyzed wing configuration.

Table 3.2: A320 weight distribution

Weight [kg] Longitudinal position [m]

Fuselage group

Vertical tail 473 23.3
Fuselage 7231 15.0
Alighting gear group 3108 5.1
APU 254 36.0
Instruments and navigational equipment 1103 4.0
Triplex system 869 16.5
Electric group 1212 16.5
Furnishing 4435 17.0
Air conditioning 974 16.5
Operational items 2135 18.8
Miscellaneous 398 16.0

Wing group

Wing group 9981 16.9
Propulsion group (CFM56) 6402 12.9
Nacelle group 737 16.0
Surface control group 1164 18.8
Horizontal tail 713 33.7

3.3.4. FUEL FRACTIONS LTO SEGMENTS MISSION

To determine the fuel consumption in the initial (departure) phase and final (arrival) phases under 1500ft of
the mission, fuel fractions have been used. These fuel fractions (FF) are defined as:

F Fi =
W f i nali

Wi ni t i ali

(3.3)

Where Wi ni t i ali relates to the mass of the aircraft at the start of the i th mission segment, and W f i nali re-
lates to the mass of at the end of the same mission segment. Torenbeek provides fuel fractions for commercial
transport jets, see table 3.3 [34].
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Table 3.3: Fuel fractions of transport jets according to Torenbeek [34]

Fuel fraction [-]

Engine start and warm up 0.99
Taxi 0.99
Take-off 0.995
Climb and acceleration to cruise 0.98
Descent 0.99
Landing taxi and shutdown 0.992

However, in order to be more accurate, the fuel fraction of the A320 has been determined using Eurocon-
trol’s data [35]. Based on the default ICAO taxi-out/in time, the fuel consumption in the taxi and take off, and
approach and landing phases is determined [35]. These numbers are summarized in table 3.4. The initial
start mass of 73500 kg is the MTOW of the A320. The ’mission end’ mass of 57354 kg, as indicated in the
table, is determined by summing the operational empty weight, the design payload, and 10% of the design
fuel mass to account for the reserve fuel. The fuel consumption in the LTO segments is obtained from the
EUROCONTROL document. Using this data, a more accurate fuel fraction prediction for the initial and final
phases of the flight is made. This results in fuel fractions of 0.992 and 0.996 for the initial and final phases of
the mission respectively. These fractions are assumed to remain constant in this study. The fuel consumption
for the remaining parts of the mission, climb from 1500ft to descend to 1500ft, are determined using a more
detailed mission analysis, as will be discussed in more detail in section 3.8.

Table 3.4: Fuel fractions of the A320 based on Eurocontrol data

Fuel consumed [kg] Mass [kg] Fuel fraction [-]

Mission start 73500
Taxi-out 237.1
Take-off 95.1
Climb out 246.8

Climb - 1500 ft 72921 0.992

Climb to cruise - -
Cruise - -
Decent to 1500ft - -

Descend - 1500ft 57591

Approach and landing 149.76
Taxi-in 87.36

Mission end 57354 0.996

3.4. WING PARAMETRIZATION
In order to model a wing geometry, a model is created in which different trapezoidal wing segments are placed
after each other, in which the wing tip coincidences with the root of the consecutive wing segment [26]. Each
wing segment is parametrized by 6 variables: its length, taper, leading edge sweep, dihedral, twist at the begin
and end of each segment. In addition, the root chord and the longitudinal position of the first wing segment
are variable. Using this parametrization, each a high variety wing geometry can be created. Also, the number
of lifting surfaces is variable. In this study, two lifting surfaces will be used: one for the wing and one for the
horizontal stabilizer.

Figures 3.5a and 3.5b show the top and front view of a planar wing configurations and box wing config-
urations respectively. The dihedral of each segment is defined w.r.t. the global x-y plane, while the twist is
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defined in the local axis system of each segment.
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Figure 3.5: Wing parametrization

3.4.1. WING REFERENCE VALUES
In addition to the wing parametrization as described in the previous section, some reference values are de-
fined within the model. The reference area of the aircraft is defined as the sum of the area of each segment
projected in the x-y plane:

Sr e f = 2 ·
nseg∑
i=1

Sx yi (3.4)

The mean aerodynamic chord (MAC) is defined as the area weighted average of the MAC of each seg-
ments, see equation 3.5.

M AC = 2

Sr e f

nseg∑
i=1

Sx yi ·M ACi (3.5)

Where the MAC of a trapezoidal wing segments is given by equation 3.6. In this equation Cr and λ refer to
the root chord and taper ratio of the wing segment respectively.

M ACi = 2Cr (1+λ+λ2)

3(1+λ)
(3.6)

3.4.2. MESH CREATION
Within the model, an aerodynamic and structural mesh are created. The meshes are created by dividing
each wing segment in a number of elements in the chordwise, spanwise, and thickness direction. To ensure
a continuous distribution of elements between the different wing segments, the number of elements in the
chordwise and thickness direction are equal for each of the wing segments. To find the optimal number of
elements, a mesh convergence test has been performed, as will be discussed in more detail in sections 3.5.3
and 3.6.4 for the aerodynamic and structural mesh respectively. Note that in the remainder of this report, a
wing segment refers to a part of the wing as defined by its span, sweep etc., while a wing element refers to a
mesh element within a wing segment.

The structural model consists of a wing box that is meshed in a number of elements in the chordwise
Nc , spanwise Nb , and thickness Nv direction. The wing box is modelled as a trapezoidal cross section that is
fitted in the airfoil between given chordwise percentages. In this study the width of the wing box is ranging
from 15% to 75% of the local chord length, see figure 3.4 [33]. As will be discussed in section 3.5, two different
airfoils are used in this study, a super-critical RAE2822 airfoil and a symmetrical NACA0012 airfoil.

The wing box is modelled using an upper skin, lower skin, front spar, and aft spar. In addition, four booms
are added in the corners of the wing box, which carry the normal stresses [36], see 3.6a. Figure 3.6b shows a
isometric view of how the wing box is positioned in the wing.
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Ribs are not included in this model. The main purpose of the ribs is to resist torsional loads and to stiffen
the skin against buckling [36]. Since a linear static Nastran analysis will be used, bucking cannot be modelled
accurately. Instead of including the ribs in the structural mesh, their weight is accounted for using an empir-
ical relationship as will be discussed in more detail in section 3.6.
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Figure 3.6: Structural wingbox as positioned in the wing

The different wing segments are than attached to each other to form the mesh of the entire wing. The
structural model consists of 3D wing box elements that are hinged about the center line in case of a change
in dihedral, while the aerodynamic model consists of 2D elements. Therefore small coupling elements are
added in the aerodynamic model to remain consistent with the structural model, see figure 3.7.
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Figure 3.7: Coupling elements in the aerodynamic mesh

3.5. AERODYNAMICS MODULE
This section presents the aerodynamic model, which is evaluated for each analyzed aircraft configuration. As
discussed in section 2.5, it is important to include both the induced drag and the parasitic drag components.

Figure 3.8 shows the flowchart of the aerodynamics module. The inputs of this module are the aerody-
namic mesh, and the AVL mesh. Using this mesh, AVL analyses are performed for a series of angles of attack
(AoA) and a series of Mach numbers. Because the total number of AVL runs is quite significant, running
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these analysis subsequently may result in high computation times. Therefore these AVL runs are performed
as background processes, which allows them to run parallel. The results of these analyses are stored in the
AVL output files as indicated in the flowchart. Once all the runs are completed, for each combination of Mach
number and AoA the sectional lift coefficient distribution, the 3D lift coefficient, and the induced drag coef-
ficient are obtained and post-processed to include the parasitic drag. This results in a lift coefficient CL and
drag coefficient CD as function of the Mach number and AoA of the aircraft:

CL = f (Ao A, M ach) (3.7)

CD = f (Ao A, M ach) (3.8)
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Figure 3.8: Flowchart of the aerodynamics module

These coefficient are determined for the entire range of Mach numbers between 0.4 and 0.8, and angles
of attack between 0◦ and 15◦. Using a polynomial fit, the lift and drag polar interpolation tables are created
that are required for the mission analysis.

The induced drag coefficient CDi nd and lift coefficient CL of the aircraft configurations are directly ob-
tained from AVL for the given flight conditions. Section 3.5.1 describes how the parasitic drag coefficient of
the aircraft is obtained under the given conditions. Section 3.5.2 describes how the computed lift and drag
coefficients are interpolated to form the lift and drag interpolation models, which are required by the mission
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analysis. Finally, section 3.5.3 discusses how the optimal number of elements for AVL and the optimal num-
ber of aerodynamic evaluations is determined.

3.5.1. DETERMINATION OF THE PARASITIC DRAG COMPONENT

As mentioned above, the friction drag is a significant part of the total drag. In this study, the parasitic drag of
the aircraft is divided in three components:

• The parasitic drag of the fuselage group

• The parasitic drag of the wing, which is divided in the friction drag and the wave drag of the wing.

• The parasitic drag of the horizontal stabilizer, which is also divided in the friction drag and the wave
drag of the horizontal stabilizer.

As mentioned in section 3.3.2, it is assumed that the fuselage group properties do not change in this
study. Therefore it is assumed that the total fuselage drag remains constant, i.e. CD, f us ·Sr e f remains constant
for each considered configuration. Because the wing reference area can vary significantly in this study, the
fuselage drag coefficient for each wing configuration is defined as:

CD, f us =
CD, f us,basel i ne ·Sr e f ,basel i ne

Sr e f
(3.9)

In which CD, f us,basel i ne and Sr e f ,basel i ne are the fuselage drag coefficient and wing reference are of the
baseline A320 respectively, as discussed in section 3.3.2.

FRICTION DRAG

As mentioned above, an AVL analysis is performed for a large number of combinations of Mach number and
AoA. One of the outputs of this analysis is the sectional lift distribution over the wing and horizontal stabilizer.
For each spanwise strip, the sectional lift coefficient cl is determined.

The airfoil analysis tool XFOIL [37], allows for subsonic viscous airfoil analyses. For the two airfoils con-
sidered in this study, the RAE2822 and NACA0012 airfoils, the lift drag polars are constructed for a range of
Reynolds numbers at a Mach number of 0. Subsequently, through each polar, a quadratic polynomial is fitted
according to equation 3.10 [26].

cd , f r i ct i on = cd0 (Re)+ cd1 (Re)cl + cd2 (Re)c2
l (3.10)

In which cd0 ,cd1 , andcd2 are interpolation constants, which are a function of the Reynolds number. These
interpolation coefficient are determined for a range of Reynolds numbers using XFOIL. Subsequently, these
calculated interpolation constants are saved and used as an interpolation database in the optimization pro-
gram.

To obtain the coefficients at the specific Reynolds number of the current wing strip, these coefficients are
interpolated as function of the Reynolds number. This way, the three required coefficients at the required
Reynolds number are obtained. In combination with the sectional lift coefficient, the sectional drag coef-
ficient can then be determined. Figure 3.9a and 3.9b shows the lift drag polars as function of the Reynolds
number for the RAE2822 and NACA0012 airfoils respectively.
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Figure 3.9: Airfoil lift drag polars for various Reynolds numbers

WAVE DRAG

In addition to the parasitic drag as discussed in the previous section, the wave drag has to be taken into ac-
count. This drag component can be a significant part of the total wing drag at high Mach numbers.

This drag component is determined based on the method as described in [15]. The wave drag of each
spanwise wing strip is determined according to equation 3.11.

cdw ave =
{

0 M ≤ Mcr

20(M −Mcr )4 M > Mcr
(3.11)

In which M is the free stream Mach number and Mcr is the critical Mach number for the current wing
strip, which is determined using equation 3.12.

Mcr = MDD − 3

√
0.1

80
(3.12)

In which MDD is the drag divergence Mach number for a specific wing cross section. This drag divergence
Mach number can be calculated using equation 3.13.

MDD cosΛ0.5c + cl

10cosΛ0.5c
2 + t/c

cosΛ0.5c
= κA (3.13)

In which Λ0.5c is the half chord sweep of the specific wing section, t/c is the thickness over chord ratio of
the airfoil, andκA is the Korn factor. The factor equalsκA = 0.95 for supercritical airfoils, such as the RAE2822,
and κA = 0.87 for conventional airfoil, such as the NACA0012 airfoil [15]. Figures 3.10a and 3.10b shows the
wave drag coefficient as function of Mach number for various lift coefficient at a half sweep angle of 20◦. As
can be seen in these figures, the drag divergence Mach number of the NACA0012 profile is lower compared
to the supercritical RAE2822 airfoil. Also, its gradient is much steeper than the gradient of the RAE2822 airfoil.
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Figure 3.10: Airfoil wave drag as function of Mach number

If the friction drag and wave drag coefficients for each strip are determined, the total wing (or horizontal
stabilizer) parasitic drag is calculated according to equation 3.14. Because only symmetric flight conditions
are considered in this study, it is sufficient to determine the parasitic drag of only one wing, and multiply this
with a factor two, as indicated in the equation.

CDpar a,wi ng = 2

∑nstr i ps

i=1 (cd , f r i ct i oni + cd ,w avei ) ·Si

Sr e f
(3.14)

In which Cd , f r i ct i oni ,Cd ,w avei and Si are the sectional friction and wave drag coefficients and strip area

of the i th strip respectively. The total aircraft parasitic drag is then determined using equation 3.15.

CDpar a =CD f us +CDwi ng +CDhor.st ab. (3.15)

After which the total drag coefficient is obtained by summing the parasitic and induced drag components:

CD =CDpar a +CDi nd (3.16)

3.5.2. LIFT AND DRAG INTERPOLATION TABLES
Once the aircraft lift CL and drag CD coefficients of the aircraft are determined for the entire range of angles of
attack and Mach numbers, a fifth order polynomial surface is plotted through these points to create an inter-
polation table for the lift and drag coefficients as described above. These interpolation models are required
by the mission analysis, as will be explained in section 3.8.

For the angle of attack range, a proportional distribution is used, such that the step size in angles of attack
remain constant. However, because the drag coefficients can vary significant in the high Mach range, due to
the increment of wave drag, a higher number of points is required in this area. At lower Mach numbers, less
data points provide enough accuracy to fit the polynomial. Therefore, for the Mach range, a cosinus spacing
is used at which the drag coefficients are calculated. This offers an increased accuracy in the high Mach range,
while the computational time remains low.

Figures 3.11a and 3.11b show the evaluated lift and drag coefficients (red dots) and the polynomial sur-
face for the reference A320 aircraft. Also, the coefficient of determination (R2) value is given. According to this
value, the polynomial surfaces matches very well with the calculated data points. These two interpolation ta-
bles are the input for the mission analysis, at which they are evaluated at each point to solve the equations of
motion.
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Figure 3.11: Interpolation tables as used in the mission analysis.

3.5.3. OPTIMAL NUMBER OF ELEMENTS
Previous sections described in detail how the aerodynamic characteristics for each configuration are deter-
mined for given flight conditions. This section discusses the optimal number chordwise and spanwise that
are used in the AVL simulations. In addition, the optimal number of data points in the angle of attack range
and Mach range at which the aerodynamic performance is evaluated to form the interpolation model is de-
termined.

OPTIMAL NUMBER OF ELEMENTS AVL
As discussed in section 3.4.2, the number of spanwise elements of each wing segment is determined based
in the segments length and the spanwise scaling factor FN b . Also, the number of chordwise elements can be
increased to get a more accurate pressure distribution over the wing. However, increasing the amount of ele-
ments results in higher computation times. Therefore an optimum number of elements is selected for which
the computational times remain relative low, while a high accuracy of the AVL results is obtained.
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Figure 3.12a shows the induced drag deviation in percentage w.r.t. to the most accurate AVL analysis that
has been performed with FN b = 2 and Nc = 12. Figure 3.12b shows the computational time in seconds as
function of the spanwise scaling factor and the number of chordwise elements. The selected number of el-
ements is FN b = 1.5 and Nc = 10. As can be seen in the figures, the error in induced drag at this point is
approximately 0.3%, while the computational time of one AVL analysis remains relative low with 10s. The
minimum number of spanwise elements for each wing segment equals 4, to prevent inaccurate modulation
of very small wing segments, such as small wing tips.

OPTIMAL NUMBER OF AERODYNAMIC EVALUATIONS

In addition to the optimum number of elements within an AVL analysis, the number of AVL analyses can also
significantly affect the accuracy of the resulting interpolation tables. Increasing the number of AVL analy-
ses increases the accuracy. However, the computational time required to create the interpolation tables also
scales with the total number of analyses.

To determine the optimal number of analyses, first the number of analyses for each AoA is varied, while
the the number of analyses for each Mach number equals 20, which is considered as very accurate. Figure
3.13 shows the deviation of the drag coefficient CD w.r.t. the case in which also 20 analyses are performed in
the AoA range. It can be seen that increasing the number of AVL analyses in the AoA range results in an higher
accuracy. The largest deviations are found at low Mach numbers. The optimal number of analyses in the AoA
range is selected to be 8. In this case, the error remains below 0.5% in the entire interpolation table.
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Figure 3.13: Effect of number of points in the Angle of Attack range

Figure 3.14 shows a similar plot. However, in this case the number of AoA analyses equals 20, while the
number of analyses in the Mach range is varied. As can be seen, the deviation grows with increasing Mach
number. The optimal number of analyses in the Mach range is selected to be 14. Also, in this case the error
remains below 0.5% throughout the entire interpolation table.
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Figure 3.14: Effect of number of points in the Mach range

3.5.4. VALIDATION

To validate the aerodynamic model, the aerodynamic characteristics, CL and CD , of the baseline A320 as ob-
tained from the discussed model are compared to the values as obtained from Q3D [38]. Q3D is a validated
aerodynamic analyses tool, which combines a VLM method with an airfoil boundary layer analysis tool, such
as XFOIL [37], VGK [39], or MSES [40]. In order to validate the model, an input file for Q3D is created that
contains exactly the same geometry as used in the current model. Subsequently, both the current model and
Q3D evaluate the aerodynamic performance at a range of AoA and Mach numbers.
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Figure 3.15: Validation of the aerodynamics module with Q3D [38]
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Figures 3.15 show the lift drag polars for various Mach numbers. The results of the current model are
compared to the results as obtained from Q3D. At the transonic Mach range, Q3D was not able to converge
at higher lift coefficients, resulting in only a small amount of data points. As can be seen the two models give
comparable results. However, at transonic Mach numbers, especially in combination with higher lift coeffi-
cients, the differences between the results of the two programs becomes larger.

3.6. STRUCTURAL MODULE
Figure 3.16 shows the flowchart of the structural module. The input of the structural module are the aerody-
namic and structural meshes of the wing. Using an initial wing weight estimation and the fuel weight of the
reference A320, the aircraft take-off (TO) weight is established. For this take-off weight, the critical loads at
2.5g condition are determined using AVL. The critical load distribution from AVL is mapped on the structural
Nastran model. Using Nastran, the weight of the wing box is minimized under the critical load conditions
and stress constraints, by taking a safety factor into account. The optimized wing weight is multiplied with
a ’secondary weight factor’ to obtain the total wing weight. This process is iterated until the resulting wing
weight equals the initial wing weight used to determine the take-off weight to within 0.1%.

The wing box model, critical load determination, wing weight optimization, and tail weight determina-
tion are discussed in more detail in this section. Finally, this chapter concludes with the validation of the
structural model.
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Figure 3.16: Flowcharts of the structures module

3.6.1. WING BOX MODEL

The wing box consists of four skins (top, bottom, front, and rear), and four booms in the four corners respec-
tively, as discussed in section 3.4.2. This model is implemented in Nastran [41] using various elements:
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• The skin is modelled using CTRIA3 and CQUAD4 elements, which are defined as a ’isoparametric
membrane-bending or plane strain quadrilateral plate elements.’ [41]. These elements have three and
four corners respectively. The properties of these elements is defined using the PSHELL property which
defines the skin thickness and material properties.

• The booms are modelled using CBAR elements, which is a simple beam element with a continuous
cross section. The properties of these elements are defined using the PBAR property to give the CBAR
elements a cross sectional area and material properties. For the booms a square cross-section has been
used.

The material of the wing box, for both the skin and the ribs, is assumed to be Aluminum 7075-T6 [38]. Its
material properties are shown in table 3.5 [42]. In addition, a safety factor nsa f et y of 1.5 has been used [12].
Therefore the maximum allowable stress is 335 MPa. Because the skin elements can carry both shear and
normal stresses, the Von Mises stress is used as failure criteria. For the boom elements, the maximum normal
stresses are considered as failure criteria. In equations, these constraints can be written as follows:

• For the skin elements:

σvonmi ses ≤
σy Al

nsa f et y
(3.17)

• For the boom elements:

|σnor mal | ≤
σy Al

nsa f et y
(3.18)

Table 3.5: Material properties of Aluminum 7075-T6 [42]

Parameter Value Unit Description

E Al 71.7 [GPa] E-modulus
σy Al 503 [MPa] Yield stress
νAl 0.33 [−] Poisson ratio
ρAl 2810 [kg /m3] Density

As initial thickness, 7mm is assumed as skin thickness and 120mm is assumed as width of the square
booms. However, the computational time required to converge from this initial and constant thickness distri-
bution to the optimal thickness distribution is quite large. Therefore, once the optimal thickness distribution
is obtained for a configuration, these thicknesses are used as initial thickness for subsequent Nastran opti-
mization. This reduced the computation times significantly.

3.6.2. CRITICAL LOAD DISTRIBUTION
The first step in the structural module is the determination of the critical loads on the wing. The criti-
cal load case is defined as a 2.5g manoeuvre at its critical weight with the high-lift devices retracted up to
V MO/M MO, according to FAR 25 [12]. As critical weight, the take-off weight has been used. The take-off
weight consists of:

• Constant fuselage weight:
The fuselage weight is assumed to be constant in this study. This constant weight contribution is deter-
mined in equation 3.1 to equal 33225 kg.

• Constant payload weight:
In this study, the payload weight is considered constant and equal to the design payload as given in
table 3.1.

• Tail weight:
The tail will have a conventional configuration. Therefore an accurate prediction of the horizontal tail
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weight can be made using the Torenbeek formula, which is based on empirical relations [34].

Wh−t ai l = St ai l kh f

(
S0.2

h−t ai l VDp
cos(Λ)

)
(3.19)

Where VD is the design dive speed, St ai l is the surface area of the horizontal tail, kh is a correction
factor for the tailplane configuration which equals 1.0 for a fixed stabilizer. The function f refers to an
empirical relationship as obtained from Torenbeek [34].

• Fuel weight required for the mission:
Because the actual block fuel required for the current mission is unknown at this point in the program,
the baseline A320 block fuel required for the given mission length, as obtained from Piano-X [27], is
used as a fuel weight estimation. The actual block fuel may differ slightly from this reference fuel weight.
However, to determine the actual fuel weight, an iteration process over the entire program would be
required. This would increase the computation time significantly, while the effect of the optimal wing
weight is small because differences between the actual block fuel and the assumed block fuel is only a
small percentage of the total take-off weight.

• Wing weight estimation:
Also the wing weight is not known at this point in the program. However, in contrast to the fuel weight,
the differences in wing weight are a significant part of the total take-off weight. Therefore the wing
weight is iterated until it is consistent with the wing weight used to deterine the critical loads, as shown
in figure 3.16. As starting value for this iteration process, the wing box weight of the reference A320
aircraft is taken.

Once the take-off weight is determined, the critical lift coefficient CLcr i t can be determined using equa-
tion 3.20. In this equation, Wcr i t is the take-off weight, VMO the maximum operating speed, r ho the density
at cruise altitude, Sr e f the aircrafts reference area, and nmax is the maximum load factor of 2.5g.

CLcr i t =
Wcr i t

1/2ρV 2
MOSr e f

·nmax (3.20)

This critical lift coefficient, maximum operating speed, and density are the input for the AVL analysis to
determine the critical load distribution. This critical lift distribution is then mapped on the structural model.
The airfoil lift coefficient of each spanwise element is multiplied with the area of same element, the dynamic
pressure, and the local normal vector to obtain the local normal force at a given spanwise element, see equa-
tion 3.21.

Li = cli ·Si ·q ·ui (3.21)

In which cli refers to the sectional lift coefficient, Si to the segments area, q to the dynamic pressure, and
ui to the segments normal vector.
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Li
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Xrear spar
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Figure 3.17: Mapping of aerodynamic loads on the structural model.

In addition to the normal force, the lift distribution on the cross section may also result in a torque. The
chord-wise location at which the resultant load acts is also obtained from AVL. In the Nastran model, the
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loads are placed on the four boom nodes, see figure 3.17. Placing the loads on the skin results in large local
deformations, which results in inaccurate results. The two loads at the front spar Li ,1 and Li ,2 are equal, and
the two loads at the rear spar Li ,3 and Li ,4 are equal. These loads are divided such that equations 3.22 and
3.23 are satisfied, to comply with the total force and torque as created by the pressure distribution.

Li = Li ,1 +Li ,2 +Li ,3 +Li ,4 (3.22)

Li · xi = (Li ,3 +Li ,4) · xr ear−spar (3.23)

In addition to the aerodynamic loads some other loads are taken into account:

• The fuel weight:
As mentioned in section 3.1 it is assumed that 85% of the block fuel is stored in the wings. The fuel tank
is assumed to range from the wings root up to 75% of the wing semi-span. In an equivalent way to the
aerodynamic loads, these fuel loads are distributed over the four booms. This results in a bending relief
of the wing.

• The engines:
The engines are modelled as point loads at a fixed spanwise percentage on the wing. The engines are
modelled by a weight and a thrust point loads.

• The gravity:
The gravitational parameter is introduced in the Nastran model. The addition of the gravitational forces
results in a small bending relief.

After all the loads are determined, these are written to a Nastran input file, which is used to determine the
stress and optimize the thickness of the various elements as will be discussed in the next section.

3.6.3. STRUCTURAL WING BOX OPTIMIZATION
If the Nastran input file with the critical loads is created, it can be analyzed using Nastran SOL 101 [41]. This is
a static analysis, which computes the stress distribution in the wing box. Also, the structural wing box mass is
computed by Nastran, which equals the amount of required material multiplied by its density. The results for
the reference A320 aircraft are shown in figure 3.18. The upper image shows the skin thickness in mm (left),
and the skin Von Mises stress distribution in MPa (right). The lower image shows the boom width in mm (left)
and the boom normal stress distribution in MPa (right).

It can be seen that this wing box satisfies the stress constraints because the stresses remain under 335
MPa. However, this constant thickness distribution along the wing span is not the most efficient in terms of
wing weight. For example, at the wing tip the stresses are lower than at the root, which allows for thinner
skins and booms.
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Figure 3.18: Stress distributions as result of a SOL 101 analysis for given skin and boom thicknesses.

Therefore, the thickness of each element is optimized using Nastran SOL 200 to obtain the minimum wing
weight that satisfies all the stress constraints. In addition, the minimum thickness is constraint due to man-
ufacturing reasons. The minimum allowable skin thickness is assumed to be 1 mm. The minimum boom
width is assumed to be 10 mm. Table 3.6 shows the optimization parameters for SOL 200.

Table 3.6: Nastran SOL 200 optimization settings

Parameter Value Unit Description

DELX 3e-3 [-] Gradient estimation step size
DESMAX 1000 [-] Maximum number of iterations
DXMIN 1e-6 [mm] Minimum design variable move limit
METHOD Modified Method of Feasible Directions [-] Optimization method
CONV1 4e-3 [-] Relative criterion to detect convergence

Figure 3.19 shows the results of the SOL 200 analysis for the A320 reference wing. As indicated in the fig-
ure, the wing weight is significantly reduced while it still meets the stress criteria. In this top figure, it can
be seen that the wing box is almost fully stressed, i.e. the stress at almost each element in the wing box is
equal to the maximum allowable stress. Also, it can be seen that the thickness of the skin varies in chordwise
direction. At the location of the kink, the thickness is increased to meet the stress constraints. In the lower
figure, it can be seen that the booms are also almost fully stressed. Only at the wing tip, the normal stresses
are lower than the maximum allowable stresses because manufacturing constraint is active which limits the
minimum thickness to 1mm. Finally, it can be observed that the two booms at the upper skin are loaded in
compressional stresses, while the lower booms are loaded with tensional stresses. This is the result of the
upward bending wing due to the lift forces.
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Figure 3.19: Optimized thickness and stress distributions as result of a SOL 200 optimization

However, an aircrafts wing also consists of ribs, fuel tank, wiring, etc. [43]. Therefore a ’secondary weight’
factor is introduced to account for these non-structural wing components. This factor is defined as equation
3.24, which is the results of a regression analysis between the actual wing box weight and the structural box
in the range of 800 kg to 12000 kg for the structural weight [38].

Wwi ng ,tot al = 9.1669 · (2 ·WN astr an)0.8248 (3.24)

3.6.4. OPTIMAL NUMBER OF ELEMENTS
As discussed in section 3.4.2, the wing box is meshed in Nc , Nb , and Nv elements. The number of elements
in the vertical direction Nv is set to one. Increasing the number of elements in this direction does not affect
the wing mass significantly. The number of elements in chordwise direction Nc is also assumed to equal
one in this study. Allowing multiple chordwise elements significantly increases the required computational
times. Equivalent to the number of spanwise elements in the AVL model, the number of elements in spanwise
direction Nb varies with the span of the wing segment according to the following relation:

Nbi = bi ·KNb (3.25)

Where bi is the span in the i th wing segment. KNb is the spanwise number of elements factor. Also for the
structural model, the minimum number of elements for each wing segment is set to four, in order to accu-
rately model very small wing segments.

Increasing the number of elements may increase the accuracy of the structural model, however this also
increases the computational time. Therefore the optimal number of elements has to be determined at which
the optimized wing weight becomes more or less mesh independent but the computational time is still at an
acceptable level. Therefore the optimum number of spanwise elements has been determined. In addition,
the convergence criteria of Nastran, may have a significant effect of the results. Therefore, also an optimal
value for this settings has been selected. Figure 3.20a shows the normalized wing weight as function of the
number of spanwise elements scaling factor FN b and the CONV1 setting of Nastran. Figure 3.20b shows the



3.6. STRUCTURAL MODULE 39

computational time for each corresponding Nastran run. It can be seen that the wing weight at a spanwise
scaling factor of 1.5 and a CONV1 setting of 4 ·10−3 approximates the wing weight within 1% of the most ac-
curate value while the computational time is approximately 10 seconds. This point is indicated by the red dot
in both figures. Because this number of elements converges to an accurate wing weight within an acceptable
time, this number of elements and convergence criteria have been selected to be used in this study.
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Figure 3.20: Optimal number of spanwise elements on convergence criteria for the structural module

3.6.5. VALIDATION
The structural module has been validated using Torenbeeks method, Howe method, and EMWET [34, 38, 44].
For five small to mid-range aircraft, the wing mass is estimated using the wing planform parameters as input
[29]. The actual wing mass of these aircraft is obtained from literature. Table 3.7 shows the initial service year,
MTOW, wing area, and wing weight for each of these aircraft. The last column in the table shows the source
from which the planform parameters and the actual wing mass are obtained respectively.

Table 3.7: Characteristics of aircraft used for the structural validation

Aircraft Initial service date MTOW [kg] Wing area [m2] Ww i ng [k g ] Source

Douglas DC-9-10 1965 35245 86.77 4248 [29, 36]
Douglas DC-9-40 1968 51710 92.97 5394 [29, 36]
MD-83 1980 72580 112.3 7184 [29, 36]
Boeing 727-200 1970 95028 157.9 8405 [29, 36]
Airbus A320-200 1988 73500 122.4 8673 [29, 38]

The EMWET weight estimation is obtained using the student edition of EMWET [38]. The wing planform
parameters are defined in the input file, together with the CST coefficients of the airfoils for each segment.
Using a quasi-3D method the aerodynamic loads are estimated under 2.5g condition. Using these loads and
the wing planform, EMWET converges to a wing weight estimation [38].

The results of the wing weight estimation using the various methods are shown in figure 3.21. It can be
seen that Torenbeek’s method overestimates the wing weight of these small to mid-range aircraft. However it
stays within 20% of the actual wing weight. Howe’s method and EMWET are more accurate and stay within
5% of the actual wing weight. The current model, which is indicated by the Nastran model slightly underesti-
mates the actual wing weight. However, it stays within 5% of the actual wing weight. Therefore it is concluded
that the structural module provides an accurate estimation of the wing weight.
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3.7. PROPULSION MODULE
In order to perform a full mission analysis, the maximum thrust and thrust specific fuel consumption (TSFC)
at each point in the flight should be known. One method to determine these parameters is to include an
engine simulation program in the mission analysis. However, to obtain accurate results from the mission
analysis, a large number of points should be evaluated, as will be discussed in more detail in section 3.8. To
reduce the computational time, two interpolation tables are created for a CFM65-5B. The maximum thrust
(Tmax ) as function of altitude (h) and Mach number (M), and the SFC as function of altitude (h), Mach num-
ber (M), and engine thrust (T ), equation 3.26 and 3.27 respectively.

Tmax = Inter pTabl e(h, M) (3.26)

SFC = Inter pTabl e(h, M ,T ) (3.27)

These tables are created using the ’Gas turbine Simulation Program’ (GSP) [45], which is an in-house tool
of the Netherlands Aerospace Center (NLR).

3.7.1. INTERPOLATION TABLE MAXIMUM THRUST
To determine the maximum thrust, the core rotational speed (N2) has been set to 100% [46]. By subsequently
varying the altitude and Mach number using the GSP API [45], the maximum thrust is determined. Table
3.8 shows the combinations of altitudes and Mach numbers which are evaluated using GSP. As can be seen
in the table, a total of 475 data points is evaluated. Finally, a interpolation table is created using MATLAB’s
ScatteredInterpolation function.

Table 3.8: Combination of altitudes and Mach numbers that are evaluated to determine the maximum thrust using GSP [45]

Parameter Unit Min value Max value Step Nr. Points

Mach [−] 0 0.9 0.05 19
Altitude [km] 0 12 0.5 25

Using this interpolation table, figures 3.22a and 3.22b are created. Figure 3.22a shows a 3 dimensional
view of the maximum thrust as function of the altitude and Mach number. Figure 3.22b represents the same
data in 2d: the effect of the altitude on the maximum thrust for various Mach numbers.
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Figure 3.22: Maximum thrust as function of altitude and Mach as obtained from GSP for the CFM56-5B engine model [45]

3.7.2. INTERPOLATION TABLE SFC
To create the interpolation table for the SFC, the GSP API has been used to determine the SFC as function of
altitude, Mach number, and thrust. In order to determine the thrust range between 0 and Tmax , the power
setting (Γ) has been introduced, which is defined as the thrust divided by the maximum thrust at a given alti-
tude and Mach number:

Γ= T /Tmax (3.28)

Table 3.9 shows the combination of points that are evaluated to construct this interpolation table. Note
that the table indicates that the power setting is varied, however this power setting is multiplied with the
maximum thrust at each point to determine the actual thrust, which is used as input for GSP. By varying the
power setting instead of the actual thrust, an equivalent number of points are evaluated for each combina-
tion of altitude and Mach number. The evaluated data points are transformed to an interpolation table using
MATLAB Scateredinteprolant function.

Table 3.9: Combination of altitudes and Mach numbers that are evaluated to determine the SFC using in GSP [45]

Parameter Unit Min value Max value Step Nr. Points

Mach [−] 0 0.9 0.05 19
Altitude [km] 0 12 0.5 25
N2 [%] 5 100 1 96

Figures 3.23a and 3.23b show the effect of Mach and the PS for various altitudes. The data in these figures
is obtained from the created interpolation table. From figure 3.23a, it can be seen that the SFC increases with
Mach number, and decreases with altitude. Also, it can be seen that some combinations of Mach number and
altitude are not possible, e.g. high mach number on low altitude. Therefore extrapolation of this interpolation
table is disabled to prevent unfeasible results in the mission analysis.

Figure 3.23b shows the effect of the power setting at a Mach number of 0.7. From this figure can be con-
cluded that the SFC decreases with an increasing power setting. At high power settings (between 0.7 and 1.0),
variation in the power setting has a small effect on the SFC. However this effect increases exponentially at
lower power settings.
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3.8. MISSION MODULE
The mission module combines the results of the aerodynamics and structural module to determine the fuel
consumption and block time. Figure 3.24 shows the flowchart of this module.

For this study, the flight performance during ground roll, take-off, and first part of climb are not mod-
elled. During these phases a lot of changes in the aircraft geometry affect the flight performance, such as
the deployment of the flaps and the undercarriage. Since these phases are only a small fraction of the entire
mission their flight performance is not modelled in the mission analyze module. The fuel consumption for
these phases is computed using fuel fractions, as discussed in section 3.3.4. The mission analysis will start at
1500ft, where it is assumed that the flaps and the undercarriage are retracted.

The first step in the mission analysis is to determine the take-off weight using an initial block fuel estima-
tion, see equation 3.29. Subsequently the fuel burn during the engine warm up, taxi, and climb till 1500ft is
determined using a fixed fuel fraction as determined in section 3.3.4. The mission from 1500ft climb to 1500ft
descent is divided in 11 mission segments, 5 for the climb phase, 1 for the cruise phase, and 5 for the descent
phase. Each of these segments is divided in a number of points at which the equations of motion (EoM) are
solved using a Newton-Raphson method to determine the state of the aircraft. Subsequently the fuel flow and
the time required to fly from one to another point can be determined. This process is discussed in more detail
in section 3.8.1. Section 3.8.2 discusses the assumptions and properties of each of the 11 mission segments.

WT O =W f usel ag e +Wwi ng +Whor.st ab. +WPL +Wblock f uel (3.29)

Once each of the 11 mission segments are evaluated, the cruise range is iterated until the computed range
equals the required mission range. Finally the fuel burn in the final approach, landing, and taxi are deter-
mined using a fixed fuel fraction, as discussed in section 3.3.4. The resulting block fuel is multiplied by 1.2
to account for 20% reserve fuel. Because the initial block fuel affects the resulting block fuel of each mission
analysis, this process is iterated until the initial block fuel equals the resulting block fuel.
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Figure 3.24: Flowchart of the mission module

3.8.1. STATE OF THE AIRCRAFT
The section describes how the fuel consumption at each point in the mission profile is determined. In order
to do this, the state of the aircraft is required, which is determined using the Equations of Motion (EoM).

Figure 3.25: Free Body Diagram of an symmetric aircraft [47] Figure 3.26: Kinetic Diagram of an symmetric aircraft [47]

Figure 3.25 and 3.26 shows the parameters used to describe the aircraft performance as a point mass.
Using these parameters in combination with Newton’s second law F = m·a, the following equations of motion
(EOM) can be established:

T cos(αT )−D −W si n(γ) = m
dV

d t
(3.30)

L−W cos(γ)+Tsi n(αT ) = mV
dγ

d t
(3.31)

Where:

• T (V ,h,Γ) is the thrust of the aircraft. It is a function of the velocity V , altitude h, and throttle setting Γ.

• αt is the incidence angle of the engines. This value is assumed to equal the angle of attack of the aircraft,
i.e. αt =α.

• D(V ,h,α) is the drag of the aircraft. It is a function of the velocity V , altitude h, and angle of attack α.

• W is the weight of the aircraft. This value gradually reduces since fuel is consumed.

• γ is the flight path angle.

• L(V ,h,α) is the lift of the aircraft. It is a function of the velocity V , altitude h, and angle of attack α.



44 3. MODEL

When the mass of the aircraft is known, the 5 unknowns in these two equations remain: α, V , h, γ, and
Γ. By specifying at least three of these parameters, two parameters remain variable. The state of the aircraft
can then be determined by solving for these two unknowns using the two EoM. Which parameters can be
specified for a given point in the mission depends on the current flight condition, as will be discussed in the
next section.

Once the state of the aircraft is determined, the fuel flow can be determined by multiplying the required
thrust with the SFC, see equation 3.32. As discussed in section 3.7, the SFC is a function of the Mach number,
attitude, and thrust, which are all known at this point.

f = T ·SFC (M ,h,T ) (3.32)

After the fuel flow is determined at each point in the mission, it can be integrated w.r.t. time to obtain the
block fuel of the aircraft for the given mission profile.

3.8.2. MISSION SEGMENTS
A typical mission profile consists of different segments. For a commercial transport aircraft, these segments
include take-off, climb, cruise, and descent. Figure 3.27 shows a schematic representation of a typical mission
profile for an A320. The shown velocities and altitudes are obtained from Airbus Flight Operations Support
[48].

In this mission model, the aircraft climbs from 1500ft at a constant EAS to a given altitude (segment 1) at
which it accelerates to higher constant EAS (segment 2). At this EAS, the aircraft climbs until it reaches the
crossover altitude (segment 3), which is defined as the altitude at which the constant EAS equals the specified
top of climb (ToC) Mach number. At this point the aircraft will continue to climb at constant Mach number
until cruise altitude is reached (segment 4). If the ToC Mach number is lower than the cruise Mach number,
the aircraft is required to accelerate to the cruise Mach number at the initital cruise altitude (segment 5).

In the cruise phase (segment 6), the Mach number remains constant. Due to the consumption of fuel,
the aircrafts weight decreases. Therefore it is more efficient to gradually climb along the cruise phase, as de-
scribed below. The descent phase is performed in a similar way as the climb phase, but inverted: the first part
of the descent is performed under constant Mach number, followed by segments of constant EAS.

Figure 3.27: Typical flight mission for an A320 [49]

Climb
An aircraft typically climbs at 100% thrust setting. Therefore the throttle setting Γ during the the climb phase
(segments 1 to 5) is assumed to be 1. As can be seen in figure 3.27, the climb is performed at constant equiv-
alent airspeed (EAS) or constant Mach number at Top of Climb (ToC). The definitions for these parameters
is shown below. It can be seen that the airspeed only depends on the altitude h. So by selecting a certain
altitude, the true airspeed at that point is also fixed. Therefore, by specifying the altitude, the two unknowns
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remain the flight path angle γ and the angle of attack α. Their values can be determined by solving the EoM
using the Newton-Raphson method. The derivative of airspeed w.r.t. time can be determined using an itera-
tive approach.

V = E AS

√
ρ0

ρ(h)
(3.33)

V = M
√
γRT (h) (3.34)

At the horizontal acceleration segments (segment 2 and segment 5), the flight path angle equals zero,
since a horizontal acceleration is assumed. In addition, the altitude and throttle setting are known, so the
EoM can be solved to obtained the AoA α and the true airspeed VT AS .

Cruise
In the cruise phase, the aircraft is assumed to fly at constant Mach number. The aircraft will fly at a constant
lift coefficient CL , which is defined according to equation 3.35.

CLcr ui se =
2Wst ar t−cr ui se

ρV 2
T AS Sr e f

(3.35)

The altitude that provides the most fuel-efficient cruise at the start of the cruise phase is not the same as
the optimal altitude at the end of the cruise. Since the aircraft weight gradually decreases due to the fuel burn,
the most fuel-efficient flight altitude gradually increases, according to equation 3.35. By assuming a constant
cruise Mach number M and by fixing the lift coefficient, and consequently the angle of attack α, the two un-
knowns remain the flight path angle γ and the throttle settingΓ, which can be determined by solving the EoM.

Descent
The descent phase is comparable to the climb phase, but inverted. During the first part of the descent, the
aircraft will fly at constant Mach number followed by segments of constant EAS. In a real flight, the engine
is set in idle conditions. Because it requires a very accurate engine model to determine the idle thrust of an
engine, which is beyond the scope of this study, the idle thrust is assumed to be 7% of the maximum thrust
at a given flight condition. According to ICAO, this is a representative percentage of the idle thrust [50].If at
each altitude, the airspeed and idle thrust are known, the remaining unknowns are the angle of attack α and
the flight path angle γ. These unknowns can be solved using the EoM.

Analogue to the horizontal acceleration phases, also in the horizontal deceleration phases (segment 7 and
segment 10), the flight path angle γ, altitude h, and throttle setting Γ are known. So the EoM can be solved to
obtained the AoA α and true airspeed VT AS .

3.8.3. OPTIMAL NUMBER OF ELEMENTS
Analogue to the aerodynamic and structural module, the optimum number of steps in the mission analysis
has been determined. in this mission analysis two different step sizes are considered: an altitude step ∆h
size which is used for the climb and descent segments, and a cruise distance step ∆tcr ui se , which is used for
the acceleration, deceleration, and cruise segments, see equations 3.36 and 3.37 respectively. As can be seen,
these step-sizes depend on the mission accuracy factor Kacc .

∆h = 50 ·Kacc (3.36)

∆t = 10 ·Kacc (3.37)

Figure 3.28a and 3.28b show the accuracy of the mission model and the computational time required for
different values of Kacc respectively. The block fuel in these figures is normalized to the block fuel using the
most accurate settings of Kacc = 0.2. From figure 3.28a can be concluded that the accuracy of the model
increases with lower accuracy factors. The selected accuracy factor is 0.5. This accuracy factor results in a
deviation smaller than 0.1% w.r.t. the case with an accuracy factor of 0.2. From figure 3.28b can be concluded
that the computational time for an accuracy factor of 0.5 equals approximately 40s. Also, in this figure two
peaks are visible at accuracy factors of 0.8 and 1.5. This is due to additional iterations, which are required to
converge the block fuel.
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Figure 3.28: Determination of the accuracy factor for the mission module

3.8.4. VALIDATION
This section discusses the validation of the mission module. The results of the above presented model are
compared to the commercial mission analysis tool Piano-X [27] for the baseline A320 for a mission profile of
1000km. The flight speeds of both models equal those as indicated in figure 3.27.

Figure 3.29a shows the altitude as function of the distance as obtained from the two models. As can be
seen, the climb phase of both models is very comparable. In the cruise phase, the altitude gradually in-
creases for the current model as discussed above. However, Piano-X simulates a constant altitude cruise
phase. Therefore, small differences are visible in this phase. Finally, it can be seen that the descent phases are
also very comparable. Figure 3.29b shows the flight path angle as function of the distance. Also these results
are very comparable. Only in the initial climb segment, the current model shows higher flight path angles
compared to Piano-X.
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Figure 3.29: Validation of the mission module with Piano-X [27]

Figure 3.30a shows the thrust as function of distance. From the figure can be concluded that the thrust
of the current model is slightly higher in the climb segments. In the cruise segment, the difference between
the two models is approximately 5kN, which may be the results of a higher drag value for the current model
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compared to Piano-X. The largest differences are visible in the descent segments. The Piano-X results show
zero or even negative thrust in the descent, which is not realistic. The model developed in this study shows a
gradual increment in the required thrust. Decreasing in altitude results in a higher maximum thrust available.
Because the throttle setting remains at 7%, also the thrust itself increases with decreasing altitude.

Finally, figure 3.30b shows the accumulative fuel consumption as function of the distance. According to
the figure, the two lines slightly deviate from each other in the cruise phase. This may be the result of the
lower thrust in the Piano-X model. However, also in this figure, the largest differences are visible in the de-
scent phase, which is the result of the higher thrust in the current mission model.
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Figure 3.30: Validation of the mission module with Piano-X [27]

3.9. VALIDATION OF ENTIRE MODEL: OPTIMIZATION OF A320 AT ITS DESIGN

POINT
After all the modules are created and validated, the combination of modules is tested to see accurate results
are obtained. In order to do this, the baseline A320 as discussed above has been optimized for its fuel effi-
ciency at its design range of 3200km and design payload [29]. The objective of this study was to minimize the
fuel over the mission profile. For this optimization, the standard mission profile as indicated in figure 3.27
was used.

Figure 3.31 shows a similar figure as shown above. However, in this EASe, the right side of the aircraft
refers to the baseline A320 aircraft, while to left side of the aircraft refers to the optimized A320 aircraft result-
ing from the optimization using the developed model. In addition, the blueprint of the A320 as obtained from
[33] is visible underneath. Table 3.10 gives the most important wing and tail characteristics. As can be seen
from both the figure and the table, the optimized configuration shows a slightly smaller wing span and lower
sweep angle. This results in a 5.6% lighter wing weight compared to the real A320 aircraft. The aspect ratio
of the optimized wing is higher due to the smaller reference area. Finally, it can be seen that the optimized
aircraft features a larger tail. The original tail is scaled with a factor 1.2, in order to meet the stability and con-
trollability constraints as explained in the next chapter. Although there are some small differences, the fact
that the optimized configurations is close to the actual A320 aircraft is a good indication that the developed
model provides accurate results.
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Figure 3.31: Validation of entire model: optimization of the A320 at its design range with design payload. The original A320 aircraft is
shown on top, with its optimized version using the developed model at the bottom.

Parameter A320 Baseline A320 Optimized Difference [%[

Mwi ng [kg ] 8991.12 8420.34 5.59
Sr e f [m2] 122.40 108.15 13.18
AR[−] 9.39 10.08 -6.85
br e f [m] 33.91 33.02 2.70
Kt ai l [−] 1.00 1.21 -17.36

Table 3.10: Wing and horizontal stabilizer characteristics of the A320 and its optimized variant
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OPTIMIZATION SET-UP

4.1. CONSIDERED CONFIGURATIONS
In the design optimization studies four different wing geometries are considered: the planar wing, wing with
winglet, C-wing, and box wing. In this study, these wing geometries are modelled using 2, 3, 4, and 4 wing
segments respectively, as shown in table 4.1. The first two wing segments form the planar part of the wing.
For these segments the supercritical RAE2822 airfoil is used. The third segment is the winglet with a symmet-
rical NACA0012 airfoil. The fourth segment is the inward pointing lifting surface for the C-wing or box wing.
For this segment, also the supercritical RAE2822 airfoil has been used. Note that the airfoil of this segment is
reversed for the C-wing, such it’s creating a negative lift contribution according to to Kroo [51] and as shown
in figure 2.14. The first three configurations also feature a horizontal stabilizer with a symmetrical NACA0012
profile to ensure stability and controllability of the aircraft. The box wing has no horizontal tail, instead its
longitudinal wing position is varied to ensure stability and controllability.

Table 4.1: Wing segments with their corresponding airfoil for the four different wing geometries

Wing Tail

Segment 1 2 3 4 1
Planar RAE 2822 RAE 2822 - - NACA 0012
Winglet NACA 0012 NACA 0012 NACA 0012 - NACA 0012
C-wing RAE 2822 RAE 2822 RAE 2822 Reversed RAE 2822 NACA 0012
Box wing RAE 2822 RAE 2822 RAE 2822 RAE 2822 -

As discussed in section 3.4, each wing segment is characterized by it’s dihedral, leading edge sweep, twist
at the beginning, twist at the end, span, and taper. In addition, the root chord of the first wing segment and
the tail sizing are considered as design variables. To ensure stability and controllability for the box wing con-
figuration, the longitudinal wing location is added as design variable. This results in 6 · (nseg +1)+2 design
variables for the first three configurations, and 6 · (nseg )+2 design variables for the box wing configuration.
To reduce the computation cost, the following simplifications are made to reduce the number of design vari-
ables:

• Because this study is focused on the effects of the wing, it is assumed that the geometric properties
of the horizontal stabilizer, i.e. its aspect ratio and taper ratio, remain constant. However, because
changes in the wing geometry can affect the controllability and stability of the aircraft, a tail scaling
factor is introduced. This scaling factor scales the horizontal stabilizer tail area, while the taper and
aspect ratio of remain constant, see equation 4.1. This replaces the 6 design variables of the horizontal
stabilizer by 1 scaling factor as design variable.

Shor i zont al ,t ai l = Kt ai l ·Shor i zont al ,t ai lr e f
(4.1)

49
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• The leading edge sweep angles of the first two wing segments, the planar part of the wing, are assumed
to be equal. This eliminates the sweep of the second wing segment as design variable.

• The kink location of the planar wing is assumed to be at the same relative spanwise location for all the
designs. This eliminates the span of the second wing segment as design variable, since it is directly
related to the span of the first wing segment.

• The trailing edge sweep of the first wing segment is assumed to be zero. This allows for effective trailing
edge devices near the root of the wing. This eliminates the taper ratio of the first wing segment as design
variable.

4.2. DESIGN VARIABLES & BOUNDS
Using the wing parametrization as discussed in section 3.4, in combination with the above mentioned sim-
plifications, the initial designs of the 4 wing configurations are determined. These initial wing planforms are
discussed in section 4.2.1. Section 4.2.2 presents the initial mission profiles and its bounds.

4.2.1. GEOMETRICAL AEROSTRUCTURAL
To clearly identify the effects of the addition of non-planar wing surfaces, the initial configurations are chosen
such the wing segments that all the configurations have in common, have the same initial design variables.
The initial design variables and bounds are shown in table 4.2 for the four configurations.

Table 4.2: Design variables with their initial values and bounds

Nr. Segment Symbol Unit Description Planar wing Winglet C-wing Box Wing LB UB

X(7)
-

Kh.st ab [-] Tail sizing 1 1 1 - 0.2 2
X(8) Xwi ng [m] Long. wing location (11.8) (11.8) (11.8) 11.8 2 14
X(9) Cr [m] Wing root chord 6.89 6.89 6.89 6.89 4 8

X(10)

1

b1 [m] Span 6.2 6.2 6.2 6.2 4 9
X(11) Λ1 [deg] LE Sweep 27 27 27 27 10 45
X(12) Γ1 [deg] Dihedral 5 5 5 5 0 45
- λ1 [-] Taper - - - - - -
X(13) εbeg i n,1 [deg] Twist begin 5 5 5 5 -8 8
X(14) εend ,1 [deg] Twist end 0 0 0 0 -8 8

-

2

b2 [m] Span - - - - - -
- Λ2 [deg] LE Sweep - - - - - -
- Γ2 [deg] Dihedral - - - - - -
X(15) λ2 [-] Taper 0.35 0.35 0.35 0.35 0.05 1
- εbeg i n,2 [deg] Twist begin - - - - - -
X(16) εend ,2 [deg] Twist end -3 -3 -3 -3 -8 8

X(17)

3

b3 [m] Span - 3 3 3 3 5
X(18) Λ3 [deg] LE Sweep - 45 45 45 10 60
X(19) Γ3 [deg] Dihedral - 80 80 80 30 120
X(20) λ3 [-] Taper - 1 1 1 0.1 2
X(21) εbeg i n,3 [deg] Twist begin - 0 0 0 -8 8
X(22) εend ,3 [deg] Twist end - 0 0 0 -8 8

X(23)

4

b4 [m] Span - - 3 - 3 5
X(24) Λ4 [deg] LE Sweep - - 38 38 10 60
X(25) Γ4 [deg] Dihedral - - 170 170 160 190
X(26) λ4 [-] Taper - - 2 2 0.5 2.5
X(27) εbeg i n,4 [deg] Twist begin - - 0 0 -8 8
X(28) εend ,4 [deg] Twist end - - 0 0 -8 8

As mentioned above, some of these variables are assumed to depend on others, and therefore can be
omitted from the list. For consistency, all the 6 variables are indicated in the table, however those that de-
pend on other variables are given no value. In addition, the longitudinal wing location, has a fixed value that
remains constant in the optimization for the first three configurations, while it is considered as a design vari-
able for the box wing configuration. If the variable remains constant during the optimization, it is indicated
using brackets in the table. The lower bounds for the third and fourth wing segments span equals 3 meter,
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to make a clear distinction between the various configurations. Small lower bounds for these segments span
may result in very small winglets and/or C-wings, which are hard to distinguish from the planar configuration.

Figure 4.1 gives a graphical representation of these four wing configurations. The wing loading as indi-
cated in the figures is obtained at an angle of attack of 3 degrees and a Mach number of 0.78. This gives an
indication of the effect of the non-planar wing surfaces on the lift distribution. As can be seen, the C-wings
inboard segment produces a small negative lift force, which is in agreement with the literature as described
by Kroo [51] and discussed in section 2.1.
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Figure 4.1: Initial wing configurations

4.2.2. MISSION
In addition to the wing configurations as discussed above, also mission optimization is performed to identify
the effect of the cost factor on the mission profile. Because the main focus of this study is to identify how
changes in the climb and descent strategy affect the mission and optimized planforms, the cruise conditions,
i.e. cruise Mach number and cruise altitude, remain constant in the mission optimization. In addition, the
initial climb speed (segment 1) and final descent speed (segment 11) are also fixed in the optimization to pro-
vide each mission with the same boundary conditions. At short range missions, the effect of the low speed
mission segments is relative large. Therefore a short range mission of 600km is optimized to clearly identity
the effects of the different climb and descent strategies on the most optimal wing configurations. According
to figure 3.3, the 600km missions occur relative often.

As starting point for the mission optimization, the standard climb, cruise, and decent profiles for the A320
family are used. As discussed in section 3.8, the climb and decent segments of a mission are operated at two
constant CAS and a constant Mach number. For the A320 family, typical numbers for these segments are 250
kts and 300 kts for the constant CAS parts, and Mach 0.78 for the constant Mach part, see figures 4.2a and
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4.2b [48].

(a) A320 standard climb profile (b) A320 standard decent profile

Figure 4.2: A320 standard climb and decent profiles [48].

The upper bounds for the optimization are given by the maximum operating speed VMO/MMO of 350 kts
and Mach 0.82 respectively [33]. The lower bounds are given a conservative low value to give the optimizer a
high design freedom. In practice, these lower bounds may be out of the flight envelope, so these values may
seem unrealistic low. However, stall constraints, as will be explained in section 4.3, are also covered in the
optimizations and the lower bounds of the flight envelope.

Table 4.3 shows the initial mission variables and their respective bounds as used in the mission optimiza-
tion

Table 4.3: Mission profile design variables with their corresponding bounds

Phase Parameter Initial Lower bound Upper bound Unit

Climb hacceler ate 10000 6000 14000 [ft]
CAS segm. 3 300 150 350 [kts]
ToC Mach 0.78 0.65 0.78 [-]

Descent ToD Mach 0.78 0.65 0.78 [-]
hdeceler ate 10000 6000 14000 [ft]
CAS segm. 9 300 150 350 [kts]

4.3. CONSTRAINTS
To obtain feasible results, a number of constraints are considered:

• Stall constraint
A constraint on stall speed is important when optimizing the planform geometry. Without this con-
straint, optimization often leads to unrealistically small tip chords with high section lift coefficients
[14]. The stall speed is determined using equation 4.2.

Vst al l =
√

2L

ρSr e f CL,max
(4.2)

In this equation, L refers to the lift, ρ to the density, Sr e f to the reference area, and CL,max to the max-
imum lift coefficient. The stall speed is assumed to remain constant and equal to that of the baseline
A320 aircraft. This allows to rewrite equation 4.2 to equation 4.3 to determine the maximum lift coeffi-
cient of the to be optimized planform:

CL,max =
(

W

S ·CL,max

)
|A320

· S

W
(4.3)
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Where it is assumed that the lift equals the weight of the aircraft. Subsequently, the wing is analyzed at
this maximum lift coefficient by AVL to determine the sectional lift coefficients of the wing, as explained
in section 3.5. This constraint requires that all the sectional lift coefficients must be less or equal to the
maximum lift coefficient of the airfoil Cl ,max :

Cl |CL,max ≤Cl ,max (4.4)

The airfoil maximum lift coefficient varies with Reynolds number. However, in this study the maxi-
mum sectional lift coefficient is assumed to be constant and equal to 1.4 and 1.45, for the RAE2822 and
NACA0012 airfoil [37].

• Fuel volume constraint
To ensure that the required block fuel fits in the wing, a volume constraint is imposed on the designs,
such that the required fuel volume is smaller or equal to the available tank volume:

V f uel ,r equi r ed ≤Vt ank,avai l able (4.5)

In which the required volume Vt ank,r equi r ed is determined according to:

Vt ank,r equi r ed = m f uel ,r equi r ed ·ρ f uel (4.6)

The available tank volume is the combined volume of wing and tail. The tank volume is defined as the
volume within the structural wing box, ranging from the root to 85% of the wing semi-span.

• Stability constraint
Stability of the aircraft has to be ensured in all the flight conditions. However, optimizing for stability
in all the flight conditions involves the sizing and deflection of the elevator, which is considered out
the scope of this research. Instead, it is assumed that the elevator is not deflected in the cruise phase,
to minimize the drag. Therefore the stability of the planforms is assessed based on a zero elevator de-
flection in cruise conditions. Because the stability depends on the weight distribution of the aircraft,
which varies during a flight as fuel is consumed, the stability is evaluated at the beginning and at the
end of the cruise phase. It is assumed that the static margin must be at least 5% [8], which leads to the
following constraint:

0.05−Kn ≤ 0 (4.7)

Where Kn is defined according to equation 4.8 [8]. The two stability derivates in this equation CMα

and CLα are obtained from AVL under the considered flight conditions at the beginning and end of the
cruise phase.

Kn =−CMα

CLα
(4.8)

• Controllability constraint
Analogue to the stability constraint, also the controllability depends on the weight distribution of the
aircraft. Therefore, also the controllability is evaluated at the start and at the end of the cruise phase. A
positive moment around the center of gravity is required to be controllable and to be able to perform
pitch up manoeuvers [52]. This leads to the following constraint:

Cm ≥ 0 (4.9)

This moment coefficient Cm is directly obtained from AVL at the considered flight conditions.
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• Washout constraint
To prevent tip stall of the aircraft, a constraint is imposed on the wing twist, which forces the optimized
designs to have a small washout along the the wing span. This constraint is implemented according to:

εt i p ≤ εr oot (4.10)

• Box Wing - fixed wing tip constraint
For the box wing configuration, the tip of the fourth wing segment is constrained in the structural
model. However, this requires that the wing tip of this segment is geometrically attached to the fuse-
lage. Therefore an additional constraint is imposed for the box wing configuration, which enforces the
tip of the last segment to coincidence with the fuselage group:

dmi n,1 ≤ 0 (4.11)

dmi n,2 ≤ 0 (4.12)

Where dmi n is defined as the minimum distance from the wing tip coordinate to the outer contour of
the side view of the fuselage group, as illustrated in figure 4.3. The value of dmi n is defined positive if
the point lies outside the fuselage contours. In the case as illustrated in the figure, both the dmi n values
are positive, so the constraint is not met.

Figure 4.3: Illustration of the wing tip constraint for the box wing; the blue line represents the tip chord of the box wing’s fourth wing
segment

4.4. OPTIMIZATION SETTINGS
Previous sections discussed the considered design variables and constraints. This section discusses the scal-
ing of the design variables, the used bounds, objective function, and the settings of MATLAB’s optimizer
fmincon.

4.4.1. SCALING OF DESIGN VARIABLES AND BOUNDS
Because the order of magnitude of the various design variables differs, varying with a constant value will
significantly affect some design variables, i.e. the taper ratio of a segment (which is typically between 0 and
1), while other design variables are less affected, i.e. the dihedral of a segment (which can take values between
0◦ and 180◦). To make sure that the optimizer equally affects each design variable, these are scaled between
0 and 1, according to equation 4.13.
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x0 = X0 −LB0

U B0 −LB0
(4.13)

Where:

• x0 is the scaled design vector

• X0 is the unscaled design vector

• LB0 is the unscaled lower bound vector

• U B0 it the unscaled upper bounds vector

As results, the lower and upper bounds for fmincon consist of:

LB = [0,0,0, ...,0,0] (4.14)

U B = [1,1,1, ...,1,1] (4.15)

4.4.2. OBJECTIVE FUNCTION
The developed model can analyze the effect of the cost factor on the block fuel and the block time. In order
to make sure that both factors affect the objective function more or less equally, these values are normalized
w.r.t. the block fuel and block time of the conventional A320 configuration with the standard mission profile,
see equation 4.16. By increasing the cost factor kcost , which can take values between 0 and 1, the optimizer
gradually focuses more on reducing the block time than reducing the fuel consumption.

Job j = (1−kcost ) · m f uel

m f uel0

+kcost · tblock

tblock0

(4.16)

4.4.3. Fmincon SETTINGS
In addition to the design variables and the objective function, also the settings for the gradient based solver
fmincon affect the final solution. Table 4.4 summarizes the used settings for the optimization studies. As
optimization method, Sequential quadratic programming has been used. The optimization is considered
to be converged if the first order optimality is smaller than 0.01. The DiffMinChange parameter describes
the stepsize the optimizer takes in order to estimate the gradient. Since the design variables are scaled, this
equals 2%. To obtain proper results, the gradient based optimizer requires a smooth objective and smooth
constraint functions. By taking smaller derivative steps, the function becomes gradually more irregular due
to the internal optimizations, which would results in wrong gradient estimations.

Table 4.4: MATLAB Fmincon function optimization settings

Parameter Value

Algorithm SQP
Optimality Tolerance 0.01
TolX 1.00E-04
DiffMinChange 0.02
TolCon 1.00E-04

4.5. OVERVIEW OF THE CONSIDERED OPTIMIZATION STUDIES
With the developed model, the mission and/or the four wing configurations can be optimized. This section
gives an overview of the different studies and different cases that are considered. The next chapter presents
the results of these different optimization studies.

First two mission optimizations are performed using a fixed wing design: a mission optimization with the
goal to minimize the block fuel and an optimization with the goal to minimize the flight time, which leads
to kcost = 0 and kcost = 1 in equation 4.16 respectively. To clearly identify the effect of the climb and descent
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segments, the cruise altitude and cruise Mach number remain fixed throughout the optimizations. Also the
initial climb and final descent flight speeds remain fixed to account for an equal kinetic and potential energy
at the start and end of the mission. Finally, during this mission optimization, the aircraft geometry remains
constant and equal to that of the baseline A320.

For the two resulting mission profiles, the four wing configurations, planar wing, winglet, C-wing, and
box wing are optimized. In this case the mission profiles remain constant, and the wing and tail geometry are
optimized for the minimum block fuel. So this results in a total of 8 wing configuration optimization studies.

Finally, the effect of changes in the cruise length and cruise Mach number are identified. This is not an
optimization study. Instead, the cruise length and cruise Mach numbers of the four wing configurations are
varied, and the results are analyzed. In this study, the optimized wing designs remain constant. Also, the
climb and descent segments of the mission are fixed.

Table 4.5 summarizes the studies to give an clear overview. In addition, figure 4.4 provides a schematic
overview of the different studies. Also, it shows how these three studies are related to each other. The next
chapter discusses the results of each of these studies.
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Figure 4.4: Schematic overview of the performed (optimization) studies



5
RESULTS

This chapter presents and discusses the results as obtained from the various optimization studies as given in
table 4.5. Section 5.1 provides the results of the mission optimization studies leading to the ’fuel economy
mission profile’ and the ’minimum time mission profile’ respectively. Section 5.2 discusses the differences in
the wing designs as result of the design optimizations for the two different mission profiles respectively. In
this section the effects of variation in the climb and descent strategies, on the most optimal design is analyzed,
for each of the four wing configurations. Section 5.3 uses these optimized designs to analyze the differences
between the four configurations. Finally, section 5.4 discusses the effect of varying the cruise characteristics
on the fuel efficiency of the four configurations.

5.1. EFFECT OF THE COST FACTOR ON MISSION PROFILE
In order to analyze the effect of the cost factor on the optimal wing configuration, two different mission pro-
files are established for a cost factor of zero and one respectively. From this point on, these missions are being
referred to as the ’fuel economy mission’ and the ’minimum time mission’ respectively. In this mission op-
timization, the reference A320 baseline aircraft has been used, which remains constant during this analysis.
The mission profile, which is characterized by the different flight speeds and altitudes is optimized for the
most fuel efficient or fastest mission respectively. Finally, the initial (VE AS,1) and final (VE AS,11) flights speeds
remain constant to prevent infeasible high flight speeds at 1500ft, which may cause problems during the final
descent and landing phase, which is not considered in this mission profile.

To clearly identify the effect of the low speed mission segments, i.e. the climb and descent phases, only
these mission variables are varied in this optimization. So the cruise Mach number and cruise altitude remain
constant. The remaining design variables are the two climb speeds (VE AS,2 and M4), the two decent speeds
(M8 and VE AS,9 ), and the two altitudes at which the aircraft accelerates and decelerates from one to the other
calibrated airspeed. The initial values and corresponding bounds are discussed in section 4.2.2.

Figures 5.1 and 5.2 show the results of this optimization study. Figure 5.1 shows the altitude as function
of the distance. It can be seen that the most fuel efficient mission profile (for kcost = 0) climbs faster to the
cruise altitude and starts relatively early with its descent. The minimum time mission has a smaller flight
path angle in the climb phase. This allows the aircraft to cover some more distance while climbing to cruise
altitude. Finally, it can be seen that the aircraft remains longer in the cruise phase, to cover as much distance
as possible at a high Mach number. Finally, a steep descent is required at the end of the mission.

Figure 5.2 shows the altitude as function of time. According to the figure, there is no large difference in
climbing time between the two mission profiles. The main time profits are obtained in the decent phase. For
the most fuel efficient mission profile, this phase covers almost half of the total block time. The minimum
time mission profile shows a steep descent at which the most time profits are obtained.
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Figure 5.1: Altitude as function of flight distance for the optimized
mission profiles

0 10 20 30 40 50

t [min]

0

2

4

6

8

10

12

h 
[k

m
]

Altitude as function of time for optimized mission

Fuel economy
Minimum time

Figure 5.2: Altitude as function of flight time for the optimized
mission profiles

Table 5.1 shows the fuel consumed and block time required for both mission profiles. Also, the relative
profits are indicated. The fuel economy mission profile results in 209kg fuel savings but at the cost of 7 min-
utes longer flight time, which corresponds to 7% cost savings at the cost of 15% longer flight time.

Parameter Unit Fuel economy Minimum time Difference [%]

Fconsumed [kg ] 2786.01 2994.48 -6.96
tbl ock [mi n] 54.35 47.29 14.93

Table 5.1: Objective values of the two optimized mission profiles

Table 5.2 shows the mission profile parameters of both missions. From this table can be concluded that
the fuel economy mission profile climbs at a lower calibrated airspeed of 271 kts compared to the minimum
time mission profile, which climbs at the maximum allowed flight speed of 350 kts, which equals the VMO .
Also, the top of climb Mach number (M4) is lower for the fuel economy mission profile. The cruise conditions
are equal as discussed above. The Mach numbers at top of descent (M8) are approximately equal to the cruise
Mach number for both profiles. Finally, a large difference can be found in the constant EAS airspeeds. The
fuel economy mission profile flight speed in this segments equals the flight speed of the final segment of 250
kts. For the minimum time mission profile, the flight speed again equals the VMO of the aircraft.

Parameter Unit Fuel economy Minimum time Difference [%]

VC AS,1 [m/s] 250.00 250.00 0.00
h2 [m] 8370.00 5640.00 48.40
VC AS,3 [m/s] 271.50 350.00 -22.43
M4 [−] 0.73 0.78 -6.90
M6 [−] 0.78 0.78 0.00
h6 [m] 11277.60 11277.60 0.00
M8 [−] 0.77 0.78 -1.17
VC AS,9 [m/s] 250.00 350.00 -28.57
h10 [m] 10890.00 5000.00 117.80
VC AS,11 [m/s] 250.00 250.00 0.00

Table 5.2: Mission characteristics of the two optimized mission profiles

Figures 5.3 and 5.4 show the L/D ratio and the ratio between the induced drag and the total drag during
the mission for both profiles respectively. From figure 5.3 can be seen that the L/D ratio of the fuel economy
mission is higher for the non-cruise segments, while for the high minimum time mission, this ratio is lower
in the non-cruise segments. In the cruise phase the L/D ratio for both missions is equal due to the equal
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flight conditions. From figure 5.4 can be concluded that the the induced drag contribution to the total drag
deviates from the cruise conditions. For the fuel economy mission, this ratio is up to 10% higher compared to
the cruise conditions. For the minimum time mission this ratio is reduced with 15% in the climb and descent
phases. This is due to the higher flight speeds in these segments, which allows for a lower lift coefficient, and
thus a lower induced drag. On the other hand, a higher flight speed results in a higher parasitic drag.
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Figure 5.3: L/D as function of flight distance for the optimized
mission profiles
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Figure 5.4: Induced drag contribution as function of flight dis-
tance for the optimized mission profiles

Finally, figures 5.5 and 5.6 shows the thrust and cumulative fuel consumption for both missions. It can
be seen that the thrust in the initial climb phase is relatively high, and gradually reduces, which is the result
of the lower density and lower pressure at higher altitudes. In the cruise phase, the thrust remains constant,
and in the decent phase only very low thrust is required. The fuel consumption is a function of the thrust and
the specific fuel constant (SFC). Due to the high thrust in the climb segment, the cumulative fuel consump-
tion shows a steep gradient. In the cruise phase, this gradient remains constant due to the constant thrust
and constant SFC. Finally, in the decent phase the gradient is only slightly lower, which is the result of the
required lower thrust, but a high SFC, as discussed in section 3.7.

If the cumulative fuel consumptions of both missions is compared, it can be seen that the largest reduc-
tions in terms fuel consumption for the fuel economy mission are obtained due to the early start of the decent
phase, in which less thrust is required.
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Figure 5.5: Thrust as function of flight distance for the optimized
mission profiles
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5.2. EFFECT OF COST FACTOR ON OPTIMIZED WING DESIGNS
For the two resulting mission profiles as presented in the previous section, the four wing configurations are
optimized for minimum fuel consumption. The configuration that is optimized for the fuel economy mission
profile is referred to as the ’fuel economy design’, while the configurations that is optimized for the minimum
time mission is referred to as the ’minimum time design’. This section presents the aerodynamics, structures,
and performance of the four configurations. The differences between the most optimal designs for the two
mission are discussed. Section 5.2.1 presents the planar configuration, section 5.2.2 the wing with winglet
configuration, section 5.2.3 the C-wing configuration, and finally section 5.2.4 the box wing configuration.

5.2.1. PLANAR WING CONFIGURATION
Figure 5.7 shows the two optimized planar aircraft configurations for the fuel economy mission profile (top)
and the minimum time mission profile (bottom). Figure 5.8 compares the wing geometries from a top view.
It can be seen that the wing span of the minimum time design is 2m smaller. Also, the sweep and root chord
of this design are higher compared to the fuel economy design. It can be seen that the aspect ratio (AR) of
the minimum time design is smaller. These geometric values are also summarized in table 5.3. In addition,
the relative differences between the two designs are shown. This is the result of the different climb and de-
scent strategies. The parasitic drag component becomes more significant at high flight speeds. Therefore
it’s favorable to have a smaller wetted area. Also, the wave drag becomes more significant at these transonic
conditions, making a more swept wing more beneficial.
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Figure 5.7: Optimized planar wing configurations
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Figure 5.8: Comparison of the planar wing designs

In addition to the geometric differences between the planar designs, their wing weight and mission char-
acteristics are summarized in table 5.3. As can be seen in the table, the wing of the minimum time design
is slightly lower. If a fuel economy mission is flown with its optimized design, 2.6% fuel is saved w.r.t. the
minimum time mission. However, this requires a 8 minutes longer flight time, which equals 16.2% of the total
time. The wing span of the fuel economy design is 6.5% larger, which leads to lower induced drag. However,
the Oswald factor in cruise conditions is slightly lower for this configuration, which in its turn may lead to a
higher induced drag.



5.2. EFFECT OF COST FACTOR ON OPTIMIZED WING DESIGNS 63

Parameter Unit Fuel economy Minimum time Difference [%]

Fconsumed [kg ] 2672.58 2744.64 -2.63
tblock [mi n] 55.20 47.50 16.21

Mwi ng [kg ] 6552.00 6542.00 0.15
Sr e f [m2] 134.05 132.75 0.98
Swet ted [m2] 269.12 266.52 0.98
br e f [m] 32.62 30.64 6.46
AR [−] 7.94 7.07 12.31
ecr ui se [−] 0.97 0.98 -1.02

Table 5.3: Mission and planform characteristics of the optimized planar wing configurations

To see what the wing mass is based on, a more detailed view of the thickness distribution of the wing de-
signs is given in figure 5.9. The top figure shows the skin thickness distribution, while the lower figure shows
the width of the booms. It can be seen that both the skins and the booms are slightly thicker in the kink area
for the minimum time design.
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Figure 5.9: Optimal thickness distribution of the optimized planar wing configurations

The aerodynamic performance of the aircraft depends on its flight conditions. In order to compare the lift
distribution over the wing for both planar configurations, these distributions are compared at the cruise con-
ditions of the two configurations respectively. Figure 5.10 shows the lift coefficient distribution as function of
the semi-wing span. The minimum time design shows slightly higher sectional lift coefficients between 4m
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and 12m of the semi-wing span. At the wing root, the fuel economy design has a slightly higher lift coefficient.

If the c · cl distribution is considered in figure 5.11, some different effects are visible. Because the total
lift to be generated is more or less equal for both wings, the surface below the both graphs should be equal.
Because the fuel economy design has a smaller wing span, a higher lift is required in the root section to com-
pensate for this.
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Figure 5.10: Lift coefficient distribution of the optimized planar
wing configurations
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Figure 5.11: Lift distribution of the optimized planar wing config-
urations

As mentioned above, the lift and drag coefficients strongly depend on the flight conditions. Because an
entire mission analysis is considered in this study, in which different flight conditions are evaluated, the ef-
fect of the Mach number on the lift and drag is analyzed. Figure 5.12 shows the parasitic drag, induced drag,
and total drag as function of the Mach number. These results are obtained using the cruise conditions, i.e. at
a cruise altitude of 11km and the corresponding aircrafts mass halfway the cruise phase. Subsequently, the
total lift is assumed to equal the weight. This figure is in agreement with the theory as discussed in section
2.1: The induced drag decreases with Mach number, while the parasitic drag increases with Mach number.
The total drag is the summation of both drag components.

As can be seen in the figure, the induced drag of the fuel economy design is lower compared to the min-
imum time optimized design in the entire Mach range. The induced drag is a function of the wing span and
Oswald factor, as shown in equation 2.1. As mentioned above, the Oswald factor for the fuel economy design
is slightly lower. However, the longer wingspan compensates for this in terms of induced drag reduction. The
parasitic drag component is more or less equal up to a Mach number of 0.7. From this point on, the fuel econ-
omy design shows a significant increment in parasitic drag compared to the minimum time design. This is the
direct effect of the larger wing sweep of the minimum time design, keeping the wave drag relative low. If the
total drag is considered, it can be concluded that the fuel economy design minimal drag Mach number lies
around Mach 0.73, while for the minimum time design this minimum drag Mach number is approximately
0.75. The minimum time optimized aircraft flies at higher Mach numbers in the climb and descent phases.
Therefore it is expected that this optimized configuration has its minimum drag Mach number shifted to a
higher Mach number compared to the fuel economy design.

A similar effect is visible in figure 5.13. This figure shows the lift drag polars for a range of Mach numbers.
As can be seen in the figure, the drag coefficient CD of the fuel economy design is lower for a given lift coeffi-
cient CL at Mach numbers below 0.75. At higher Mach numbers, the minimum time optimized design shows
lower drag coefficients.
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Figure 5.12: Drag components as function of Mach for optimized
planar wing configurations
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5.2.2. WING WITH WINGLET CONFIGURATION
Figure 5.14 shows the optimized winglet configurations for the fuel economy mission profile (top) and the
minimum time mission profile (bottom). To better visualize the differences, the designs are plotted on top
of each other in figure 5.15. Similar to the planar configuration, the wing span of the minimum time design
is smaller with an increased sweep angle. Remarkable is that the length of the winglet segment is slightly
larger for this design, which results in an increased parasitic drag, which may have an detrimental effect of
at high flight speeds. However, the total wetted area of the minimum time design is 2.1% lower compared to
the fuel economy design, which would lead to a lower friction drag. Finally, the Oswald factors in the cruise
conditions are shown in table 5.4. It can be seen that the minimum time design features a 3.5% higher Oswald
factor. If these cruise Oswald factors are compared to those of the planar configuration, it can be seen that the
winglet configurations have an Oswald factor that is approximately 0.1 to 0.15 higher compared to the planar
configurations.
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Figure 5.14: Optimized wing with winglet configurations
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Figure 5.15: Comparison of the wing with winglet designs

Table 5.4 shows the differences in wing weight and mission characteristics for the winglet configuration.
The minimum time design is approximately 150kg lighter, which equals 2.6% of the total wing mass. The total
fuel consumed is 2.3% less for the fuel economy design, at the cost of a 7.5 minutes longer flight time.
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Parameter Unit Fuel economy Minimum time Difference [%]

Fconsumed [kg ] 2628.81 2689.43 -2.25
tbl ock [mi n] 55.00 47.50 15.79

Mwi ng [kg ] 5959.00 5810.00 2.56
Sr e f [m2] 135.10 130.52 3.51
Swet ted [m2] 285.82 280.00 2.08
br e f [m] 30.62 29.04 5.44
AR [−] 6.94 6.46 7.43
ecr ui se [−] 1.10 1.14 -3.51

Table 5.4: Mission and planform characteristics of the optimized wing with winglet configurations

Figure 5.16 shows the thickness distribution of the skin and the booms on the top and bottom respec-
tively. This thickness distribution is very comparable to planar configuration: a relative thick skin is required
for the first wing segment (before the kink), after which the skin thickness decreases. If the two winglet design
are compared, it can be seen that the minimum time design requires a thicker skin in the kink area, from 4m
to 8m of the wing semi-span, to carry the shear stresses. However, at the root of the wing, the fuel economy
design requires a thicker skin.

If the booms are considered, the opposite is visible: in the kink area, the booms of the fuel economy de-
sign are thicker, while for the minimum time design, the booms in the root section are slightly thicker.
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Figure 5.16: Optimal thickness distribution of the optimized wing with winglet configurations
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Figure 5.17 shows the lift coefficient distribution of the winglet designs at Mach 0.78. These lift distri-
butions are again obtained at the cruise conditions, in which lift equals weight. From this figure can be
concluded that the lift coefficient of the minimum time design is higher over the entire wing span. If this lift
coefficient distribution is compared to the planar configuration, it can be seen that the values are approxi-
mately the same. However, the winglet allows for a higher sectional lift coefficient in the tip area of the wing.

Figure 5.18 shows the c ·cl c distribution of the winglet designs. Analogue to the planar configurations, the
kink in the wing around a semi-wing span of 5m is clearly visible. In this figure is also visible that the winglets
produce an inward force, as a positive lift coefficient in this area is defined as pointing inward. Finally, com-
paring the lift distribution of the two designs, no large differences can be found. The curve for the minimum
time design is shifted up, to get an equivalent total amount of lift with a smaller wing span.
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Figure 5.17: Lift coefficient distribution of the optimized wing
with winglet configurations
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Figure 5.18: Lift distribution of the optimized wing with winglet
configurations
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Figure 5.20: Lift drag polars as function of Mach for optimized
wing with winglet configurations

Figure 5.19 shows the drag components as function of Mach number. Analogue to the planar configu-
ration, these results are obtained in cruise conditions, i.e. at cruise altitude and the corresponding weight
halfway the cruise segment. Also for the winglet configuration, the induced drag is lower for the fuel econ-
omy design due to the longer wing span. The parasitic drag lines starts to deviate from Mach 0.75. At higher
Mach numbers, the fuel economy design shows a significant higher parasitic drag due its larger wave drag.
The minimum drag Mach numbers are 0.73 and 0.75 for the fuel economy design and the minimum time
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design respectively.

Figure 5.20 shows the lift drag polars for a series of Mach numbers. For the winglet configuration, the fuel
economy design shows lower drag at Mach numbers below a Mach number of 0.76, which corresponds to the
intersection of the two total drag curves in figure 5.19. At higher Mach numbers, the minimum time mission
shows lower drag coefficients, especially at higher lift coefficients.

5.2.3. C-WING CONFIGURATION
Figure 5.21 shows an isometric view of the optimized designs for the C-wing configurations. Figure 5.22 com-
pares the wing geometries from a top view. Again, it can be seen that the minimum time design has a smaller
wing span and higher sweep angle. The wing roots chord lengths are both the same, and equal to the up-
per bound as used during the optimization. The winglet height (third wing segment span) is larger for the
minimum time design. However, the fourth wing segment length is smaller for this configuration. The most
important geometrical characteristics of the configurations are summarized in table 5.5. Finally, the Oswald
factors in the cruise conditions are shown in the table. It can be seen that the minimum time design features
a 7.8% higher Oswald factor. If these cruise Oswald factors are compared to those of the planar configuration,
it can be seen that the C-wing designs have an Oswald factor that is approximately 0.25 to 0.3 higher.
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Figure 5.21: Optimized C-wing configurations
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Figure 5.22: Comparison of the C-wing designs

The wing masses for the optimized C-wing designs differ approximately 1000kg, i.e. 15.9% of the total
wing mass. This is a significant difference compared to the earlier discussed configurations. The difference
in fuel consumption is 2.4% and the difference in flight time is 16.6%. These relative differences in mission
characteristics between the two C-wing designs are comparable to the planar and winglet configurations as
discussed before.

Parameter Unit Fuel economy Minimum time Difference [%]

Fconsumed [kg ] 2685.98 2751.41 -2.38
tbl ock [mi n] 55.40 47.50 16.63

Mwi ng [kg ] 8197.80 7073.30 15.90
Sr e f [m2] 150.41 140.17 7.31
Swet ted [m2] 327.13 316.95 3.21
br e f [m] 31.35 27.64 13.42
AR [−] 6.53 5.45 19.82
ecr ui se [−] 1.18 1.28 -7.81

Table 5.5: Mission and planform characteristics of the optimized C-wing configurations
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Figure 5.23 shows the thickness distribution of the skin and booms of the C-wing designs. According to
the figure, there is a substantial difference between the thickness distributions of both optimized designs,
which may be the result of different local optima in the Nastran analysis. The fuel economy design shows a
thicker skin thickness, especially near the root of the wing. However, the booms for this design are consid-
erable smaller compared to the minimum time design. If this thickness distribution is compared with the
previously discussed configurations, it can be seen that a thicker, and thus heavier, structure is required. Es-
pecially in the first wing segment, for which the bending moment is the largest, these differences are quite
large compared to the planar and winglet configuration.

-15-10-5051015

5

10

15

Minimum Time
Design

Fuel Economy
Design

Skin thickness distribution for the C-Wing configuration [mm]

0

1

2

3

4

5

6

7

-15-10-5051015

5

10

15

Fuel Economy
Design

Minimum Time
Design

Boom thickness distribution for the C-Wing configuration [mm]

10

20

30

40

50

60

70

80

Figure 5.23: Optimal thickness distribution of the optimized C-wing configurations

By considering the lift coefficient distribution at cruise conditions, as given in figure 5.24, it can be seen
that it is very comparable to the lift distribution of the winglet configurations: a higher lift coefficient towards
the tip of the wing. Also, it can be seen that the fourth wing segment (the inward pointing surface) results
in a negative lift contribution, as positive lift for this segment is pointing down. According to Kroo, this is
favorable in terms of induced drag reduction as discussed in section 2.1 [51]. Although it is a small negative
lift contribution, the total arm to the fuselage is large. This may provide a small bending relief. Figure 5.25
shows the c · cl distribution of the C-wing designs. Again, the minimum time design distribution is higher at
the root to compensate for the smaller wing span.
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Figure 5.25: Lift distribution of the optimized C-wing configura-
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Also for the optimized C-wing designs, the effect of the Mach number on the aerodynamic coefficients
is analyzed. Figure 5.26 shows the drag components as function of Mach number. Also for the C-wing con-
figuration, the induced drag is lower for the fuel economy design due to the longer wing span. The parasitic
drag lines start to deviate from Mach 0.75. At higher Mach numbers, the fuel economy design shows a sig-
nificant higher parasitic drag, which is mainly the results of the higher wave drag due to the smaller sweep
angle. Equivalent to the winglet configuration, the minimum drag Mach numbers are 0.73 and 0.75 for the
fuel economy design and the minimum time design respectively.
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Figure 5.27: Lift drag polars as function of Mach for optimized C-
wing configurations

Figure 5.27 shows the lift drag polars for a range of Mach numbers. For the C-wing configuration, the fuel
economy design shows lower drag at Mach numbers below a Mach number of 0.78, which corresponds to the
intersection of the two total drag curves in figure 5.26. At higher Mach numbers, the minimum time mission
shows lower drag coefficients, especially at higher lift coefficients.

5.2.4. BOX-WING CONFIGURATION
Figure 5.28 shows the isometric view of the two optimized box wing designs. It can be seen that the wing span
of both configurations is considerably smaller compared to the previous discussed configurations. To make
a better comparison, these wing design are plotted on top of each other as shown in figure 5.29. According to
the figure, the longitudinal position of the first wing segment of both wings is approximately equal. Also the
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winglet segments are approximately the same height and not tapered. The main difference can be found in
the wing span, which is 11.1% smaller for the minimum time design. More geometric characteristics of the
two optimized designs can be found in table 5.6. Also, the Oswald factors in the cruise conditions are shown
in the table. It can be seen that the minimum time configuration features a 0.9% higher Oswald factor. If
these cruise Oswald factors are compared to those of the planar configuration, it can be seen that the box-
wing configurations have an Oswald factor that is approximately 0.25 higher. It is remarkable to see that these
Oswald factors are lower compared to the optimized C-wing configurations as discussed in the previous sec-
tion. According too Kroo’s theory as described in section 2.1, a box wing has the highest theoretical Oswald
factor.
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Figure 5.29: Comparison of the box wing designs

As can be seen in the table, the mass of the box wing is considerably lower compared to the previous con-
figurations. Also, the difference between the two optimized box wings is 410kg, which equal 10.9% of the total
wing weight. The difference in fuel consumption of both missions is 3%. The minimum time design is 15%
faster.

Parameter Unit Fuel economy Minimum time Difference [%]

Fconsumed [kg ] [kg ] 2618.56 2702.99 -3.12
tbl ock [mi n] [mi n] 54.30 47.20 15.04

Mwi ng [kg ] 4168.20 3758.40 10.90
Sr e f [m2] 315.63 274.30 15.07
Swet ted [m2] 694.02 607.00 14.34
br e f [m] 31.80 28.61 11.15
AR [−] 3.20 2.98 7.38
ecr ui se [−] 1.17 1.18 -0.85

Table 5.6: Mission and planform characteristics of the optimized box wing configurations

Figure 5.30 shows the thickness distribution of the skin and booms of the box wing designs. It can be
seen that both the skins and booms are considerable thinner compared to previous configurations. This is
the result of the two points at which it is attached to the fuselage. So although, the total wetted area of this
configuration is larger, it allows for thinner skins and booms, and thus a lighter wing structure. If the two
different optimized wing box designs are compared with each other, no significant changes can be found in
the thickness distributions.
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Figure 5.30: Optimal thickness distribution of the optimized box wing configurations

Figure 5.31 shows the lift coefficient distribution of the box wing designs. The negative lift coefficient as
indicated in the figure, corresponds to the fourth wing segment. Because positive in this wing segment is
defined as a downforce, this wing segment is in fact contributing with positive lift. Also, as discussed before,
the aerodynamic lift distributions as presented in these figures are obtained at cruise conditions, i.e. a Mach
number of 0.78 and where the lift equals the weight. Because the reference area of the box wing configura-
tions is considerably larger, this results in a lower lift coefficient CL of 0.19. If the two different optimized box
wing designs are compared, it can be seen that the minimum time design has a higher sectional lift coeffi-
cient, both in the lower and upper wing.

Figure 5.32 shows the c · cl distribution of the two optimized designs. Because the wing span of the min-
imum time design is smaller, a higher lift distribution is required to obtain equal lift. The largest differences
in the lift distribution are located at the root of both the upper and lower wing.
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Figure 5.32: Lift distribution of the optimized box wing configu-
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Also for the optimized box wing configurations, the effect of the Mach number on the aerodynamic coef-
ficients is analyzed. Figure 5.33 shows the drag components as function of Mach number. The induced drag
is lower over the entire Mach range for the fuel economy design due to the longer wing span. The parasitic
drag is higher for the fuel economy design. At Mach numbers below 0.75, the two parasitic drag curves are
parallel. In this Mach range, the parasitic drag of the fuel economy design is higher due to the larger wetted
area compared to the minimum time design, which results in a higher friction drag. At Mach 0.75, the two
curves start to deviate as result of higher wave drag for the fuel economy design. The minimum drag Mach
numbers are 0.67 and 0.75 for the fuel economy design and the minimum time design respectively.

Figure 5.34 shows the lift drag polars for a range of Mach numbers. For the box wing configuration, the
fuel economy design shows lower drag at Mach numbers below a Mach number of 0.76, which corresponds
to the intersection of the two total drag curves in figure 5.33. At higher Mach numbers, the minimum time
mission shows lower drag coefficients, especially at higher lift coefficients.
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Figure 5.33: Drag components as function of Mach for optimized
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5.3. EFFECT OF NON-PLANAR WING SURFACES
This section describes the differences between the four optimized wing configurations. First, the configura-
tions will be compared based on their total fuel consumption and their block time. Since these results are
mainly affected by the weight of the wing and its aerodynamic properties, these two factors are discussed in
more detail.

Figure 5.35 shows the total fuel consumption of the optimized designs for both mission profiles. The
top figure shows the absolute fuel consumption. The bottom figure shows the fuel consumption of the non-
planar configurations (wing with winglet, C-wing, and box wing) w.r.t. the planar configuration of the corre-
sponding mission profile. From this figure can be concluded that both the winglet and the box-wing configu-
ration can offer 1.5% to 2% fuel savings w.r.t. the planar configuration for both mission profiles. However, the
C-wing configuration shows an increased fuel consumption in both missions. Finally, it can be seen that the
box wing configuration performs slightly better compared to the winglet configuration in the fuel economy
mission, while the winglet performs better in the minimum time mission. This is because the parasitic drag
is relative more important in the minimum time mission due to the higher flight speeds. The winglet con-
figuration has a smaller parasitic drag component compared to the box wing due to its smaller wetted area.
Therefore this configuration performs better in the minimum time mission profile.
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Figure 5.35: Absolute (top) and relative (bottom) comparison of the block fuel for both mission profiles

Figure 5.36 shows the block time for the various configurations. According to the figure, the largest sav-
ings in block time of 1.8% can be obtained for the fuel economy mission using a box wing configuration. For
this mission profile, also the winglet configuration results in a 0.4% lower block time. For the minimum time
mission profile, the differences in block time are significantly smaller. Because the mission profile is fixed,
i.e. the flight speeds as function of altitude is fixed, these differences are the direct results of the differences in
aircraft weight. Because the fuselage group weight remains constant in this study, only the wing mass affects
this aircrafts weight. A lighter wing allows for a faster climb and therefore lower block times.
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Figure 5.36: Absolute (top) and relative (bottom) comparison of the block time for both mission profiles

As mentioned above, the total fuel consumed during a mission mainly depends on the wing weight and
the aerodynamic properties of the aircraft. Figure 5.37 compares the wing weights of the configurations. It is
remarkable to see that all the configurations show a significant lower wing weight compared to the baseline
A320 wing. The main reason is the lower wing span and lower aspect ratio of the wings. This allows for a
stiffer wing structure, resulting in a lighter wing. By comparing the wing weight of the various configurations
w.r.t. the planar designs, it can be seen that the winglet configuration allows for a weight reduction of approx-
imately 10% for both mission profiles. The C-wing configuration requires a 25% and 7% heavier structure for
the fuel economy design and minimum time design respectively. The box wing configuration offers with 40%
the largest weight reduction of the considered configurations. As can be seen from figure 5.38, this configu-
ration has the largest wetted area. However, the fact that it is attached to the fuselage at two points allows for
a stiffer structure with thinner structural elements, resulting in a lighter wing.
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Figure 5.37: Absolute (top) and relative (bottom) comparison of the wing mass for both mission profiles
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Figures 5.39 and 5.40 show the aerodynamic properties of the configurations during the mission for the
fuel economy and minimum time mission profiles respectively. The values shown in these figures for the
climb and descent phases, correspond to the values in the second EAS segments, i.e. mission segments 3 and
9 as defined in section 3.8. The three evaluated mission phases are evaluated at the points as indicated in the
top figures respectively.

By comparing the aerodynamic properties of all the configurations between the two mission profiles, i.e.
comparing the values in the two figures with each other, it can be seen that the main differences are found in
the climb and descent segments of the mission. Because the flight speed in these mission segments is higher
for the minimum time mission, a lower lift coefficient is required. Since the induced drag is quadratically pro-
portional to the lift coefficient, this drag component is also smaller. The increasing flight speed would also
result in an increase in parasitic drag according to figure 2.2. However, as discussed in the previous section,
the wetted area of all the configurations is smaller for the minimum time mission, reducing the friction drag.
This compensates for the increment in parasitic drag due to the increased flight speed, resulting in approxi-
mately equal parasitic drag between the two mission profiles.

By comparing the differences between the four wing configurations, i.e. comparing the values of the dif-
ferent configurations within the figures, it can be concluded that the three non-planar wing configurations
offer a reduction in induced drag at the cost of an increment in parasitic drag. This effect is slightly more
present for the C-wing configuration compared to the winglet configuration. For the box wing, this effect is
quite strong, resulting in a induced drag reduction of approximately 25% at the cost of an large parasitic drag
penalty. According to equation 2.1, the induced drag is a function of the lift, wing span, and Oswald factor.
As concluded in section 5.2, both the wing span and Oswald factor of a box wing are smaller compared to the
C-wing configuration which would result in a higher induced drag. However, the total lift to be produced by
the configuration is lower due to the lower wing mass. Because this effect has a stronger effect on the induced
drag than the lower wing span and Oswald factor, the resulting induced drag is lower.

Finally, it can be seen in figure 5.39 that the parasitic drag of the planar configuration for the fuel economy
mission is remarkably high, while its wetted area is relatively small. This is the result of the smaller sweep an-
gle, resulting in an increment in wave drag at transonic Mach numbers.

When the effect of the differences in drag components on the lift to drag L/D ratio is considered, it can be
seen that all the three non-planar wing configurations perform relatively good in the cruise phase. Because
the true airspeed in the cruise phase is lower, due to the constant Mach climb at which the true airspeed
decreases, a higher lift coefficient is required to satisfy the equations of motion. Therefore the induced drag
becomes relatively more important compared to the parasitic drag component. Because the non-planar con-
figurations offer a lower induced drag, this results in a higher L/D ratio in the cruise phase.

The winglet and C-wing configuration can offer an increased L/D ratio in the cruise phase compared to
the planar configuration. However, in the climb and descent phases the planar wing configuration performs
better due to the relative larger parasitic drag component as described above. Flying the mission profiles
with a box wing configuration has a detrimental effect of the L/D ratio, especially during the climb and de-
cent phases. This is the result of the high penalty on the parasitic drag component.
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Figure 5.39: Comparison of the L/D ratio between the optimized
configurations in the different mission phases for the fuel econ-
omy mission profile
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Figure 5.40: Comparison of the L/D ratio between the optimized
configurations in the different mission phases for the minimum
time mission profile

For the fuel economy mission, the Mach number in the climb and descent points, as evaluated in figure
5.39, equals 0.58. The Mach number of the evaluated cruise point equals 0.78. To provide a better insight in
the aerodynamic properties of these fuel economy designs, their lift drag polars are compared at these two
Mach numbers respectively, see figure 5.41. The points indicated by the circles correspond to the values as
indicated in figure 5.39. At a Mach number of 0.58, the polars of the planar wing and wing with winglet are
very comparable. The C-wing shows slightly higher drag at low lift, due to its higher friction drag. However, it
shows lower drag at high lift due to the smaller induced dag, which becomes more important at high lift coef-
ficients. The box wing design shows a higher drag at the entire range of considered lift coefficient. However,
the differences between the drag of the box wing and the other designs reduce with increasing lift due to its
lower induced drag.

The same effects are visible at the cruise Mach number: both the C-wing and box wing designs show rel-
ative high drag at low lift, and they become more efficient at high lift coefficients. However, in contrast to the
climb and descent Mach number, the planar wing shows a higher drag over the entire range. This is the re-
sults of the increased wave drag due its the smaller sweep angle. Finally, from these figures can be concluded
that the lower required lift of the box wing design, due to the smaller wing weight, results in lower drag, which
partly compensates for its poor aerodynamic performance at low lift coefficients.
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Figure 5.41: Lift drag polars for the fuel economy mission profile designs

For the minimum time mission, the Mach number in the climb and descent points, as evaluated in figure
5.40, equals 0.67. The Mach number of the evaluated cruise point equals 0.78. Also, the lift drag polars at
these two Mach numbers are compared for the minimum time designs, see figure 5.42. The points indicated
by the circles correspond to the values as indicated in figure 5.40. At a Mach number of 0.67, the polars of the
planar wing, wing with winglet, and C-wing are very comparable. The box wing design shows a higher drag at
the entire range of considered lift coefficient. However, the differences between the drag of the box wing and
the other designs reduce with increasing lift due to its lower induced drag.

At the cruise Mach number, it can be seen that the polar for the planar wing deviates at higher lift coeffi-
cients due to an increased wave drag. Also from these figures can be concluded that the lower required lift of
the box wing design, due to the smaller wing weight, results in lower drag, which partly compensates for its
poor aerodynamic performance at low lift coefficients.
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Figure 5.42: Lift drag polars for the minimum time mission profile designs
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5.4. EFFECT OF CRUISE CONDITIONS ON THE EFFICIENCY OF NON-PLANAR

WING CONFIGURATIONS
As concluded in the previous section, the three non-planar wing configurations offer a higher L/D coefficient
in the cruise compared to the planar configuration, while in the climb and descent phases, this latter config-
uration performs relatively well. This would imply that the non-planar configurations become more efficient
for longer mission, as the performance in the cruise phase becomes more dominant. This section discusses
the effect of increasing the mission length on the block fuel of the configurations. In addition, the effect of
the cruise Mach number is discussed.

In this analysis, the optimized designs for the mission range of 600km and a cruise Mach number of 0.78
are used to evaluate their performance in longer range mission, and mission with a different cruise Mach
number. For this purpose, the fuel economy mission profile and its corresponding fuel economy designs are
evaluated. Because the wing weight does not change with alternating the mission profile, the differences in
fuel consumption are the result of the aerodynamic performance of the configurations.

Figure 5.43 shows the relative fuel consumption of the winglet, C-wing, and box-wing configurations w.r.t.
the planar configuration for mission ranges from 600km to 2400km and cruise Mach numbers from Mach 0.66
to Mach 0.78. For all three non-planar configurations can be seen that increasing the mission range results in
larger fuel savings compared to the planar wing. This is the direct result of the higher L/D in the cruise phase
compared to the planar configuration.

Figure 5.43: Carpet plot of the relative fuel consumption as function of the cruise length and cruise Mach number

However, by lowering the cruise Mach number up to a certain point, the non-planar configurations be-
come relative less efficient. This may contradict the theory as discussed in section 2.1: because by lowering
the Mach number, a higher lift coefficient is required to satisfy the equation of motions. Since the induced
drag increases quadratically with the lift coefficient, this drag components increases with lowering the flight
speed while the parasitic drag decreases. This would imply that the induced drag becomes more important,
and so the non-planar configurations (which have a lower induced drag) are expected to perform better.
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Figure 5.44: Lift over drag ratio as function of cruise Mach
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Figure 5.45: Lift coefficient as function of cruise Mach

In order to explain the relative lower efficiency of the non-planar configurations at these low cruise Mach
number, a more detailed drag breakdown is given in figures 5.46 and 5.47. As can be seen in figure 5.46,
the induced drag indeed increases with lowering the Mach number. When the parasitic drag component is
considered, it can be seen that the friction drag remains approximately unaffected by changing the Mach
number. However, the wave drag significantly reduces by lowering the cruise Mach number. This effect is the
strongest for the planar configuration: reducing the cruise Mach number, results in a large reduction of the
wave drag, and therefore a relative large reduction in the total parasitic drag component. This explains why
the L/D ratio of the planar configurations increases relatively fast compared to the non-planar configurations.

Because the amount of wave drag strongly depends on the Mach number, the reduction in wave drag is
the most significant at high Mach numbers. Further lowering the cruise Mach number has a smaller effect on
the relative efficiency. This effect is also visible in the carpet plot: the lines connecting the higher Mach num-
bers are relatively steep, implying a fast decay in efficiency, and graduate flattens with lower Mach numbers.
For the box wing configuration, this effect is also visible down to a cruise Mach number of 0.72. From this
point on, further decreasing the cruise Mach number results in an improved relatively efficiency. From this
point on, the effect of the increased induced drag, as mentioned above, becomes dominant over the effect of
decreasing wave drag. Because the ratio between the induced and parasitic drag components is significantly
different for the box wing configuration, this effect is already visible at the considered cruise Mach numbers.
For the winglet and C-wing configurations, the same effect is expected for Mach numbers below 0.66.
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Figure 5.46: Induced drag as function of Mach
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Figure 5.47: Parasitic drag as function of Mach





6
CONCLUSION

The goal of this study was to analyze and evaluate how a full mission analyses affects the fuel consumption of
non-planar wing configurations, and which configurations are the most efficient in terms of fuel consump-
tion. For this study, the Airbus A320-200 was used as a baseline aircraft. In order to study these effects, mul-
tidisciplinary design studies were performed. The created model consists of four validated modules: aerody-
namics, structures, mission, and propulsion modules. Within these modules, the aspects studied in previous
studies on the same subject were taken into account to create an accurate model. The developed model takes
the aero-structural coupling into account, includes both the induced and parasitic drag components, and
minimizes the structural weight at the critical conditions using an detailed finite element model of the wing
box. In terms of optimization, a full non-linear constrained optimization study has been performed, in which
four wing configurations were evaluated with high design freedom.

Based on the results of a 600km range mission optimization study using a fixed A320 wing planform, it
can be concluded that the cost factor has a significant effect on the mission profile, even if the initial climb,
cruise, and final decent phases remain unchanged. Based on the 600km mission, the difference in fuel con-
sumption between the most fuel efficient and minimum flight time mission equals 7%, while the differences
in block time are 15%. The fuel economy mission climbs and descends at lower airspeeds compared to the
minimum time mission profile, therefore the induced drag becomes more important for the fuel economy
mission. The largest profits in terms of fuel consumption are obtained due to the early and thus relatively
long descent phase at which only a small amount of thrust is required.

The fuel economy and minimum time mission profiles are then used as input in several wing optimization
studies. Four wing configurations - planar wing, C-wing, wing with winglet, and box wing - are optimized for
the minimum block fuel. Based on the results it can be concluded that using a climb and descent profile with
a different cost factor affects the most fuel efficient wing planform configurations. For all the four considered
configurations, the minimum time designs shows a smaller wing span, smaller wetted area, and lower aspect
ratio wing, which results in a lower wing weight. The difference in fuel consumption between the two mission
profiles of the four configurations is around 3%, while the block time differences are approximately 15%.

Out of the four configurations, the winglet and box wing configurations have to highest potential to reduce
the fuel consumption by 1.5% to 2% compared to the planar configurations. The C-wing shows a slightly
higher fuel consumption. In terms of block time, the differences between the configurations is relative small.
Only the box wing configurations shows a 1.5% lower block time for the fuel economy mission compared to
the other configurations, due to its lighter wing. Because these two mission characteristics strongly depend
on the wing mass and the aerodynamic performance of the aircraft, these aspects are studied in more detail.

By comparing the wing mass of the non-planar designs with the planar designs, it can be seen that the
winglet design results in a 5% lower wing mass, the C-wing results in 10% to 25% higher wing mass, and the
box wing offers, with a 40% savings, the largest reduction in wing mass. This is due to the lower wing span
and increased stiffness because it is attached at the two points to the fuselage.

In terms of the lift over drag ratio, the non-planar configurations show no or very small beneficial effects
in the climb and descent phases due to the low lift coefficient, and thus low induced drag, compared to the
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planar configuration. However, in the cruise phase the winglet and C-wing configurations show a higher L/D
ratio compared to the planar configuration. For the box-wing configuration, these values are more or less
equal to the planar configuration. The main advantages of the winglet configuration lie in the slightly lower
wing mass combined wing the higher L/D ratio in the cruise phase. The C-wing configuration results in a
higher wing mass, but this is partly compensated for due to its higher L/D ratio. For the box wing, this ef-
fect is the other way around: it has a detrimental effect on the L/D ratio, especially in the climb and descent
phases of a mission. However, the structural weight savings make up for this loss, therefore, when consider-
ing the fuel consumption over the entire mission, this configuration performs the best.

Finally, the effect of varying the mission range and cruise Mach number is studied. The fuel consump-
tion of the three optimized non-planar designs is compared to that of the optimized planar design for the
fuel economy mission profile. From these results can be concluded that all the non-planar configurations
become more efficient with increasing mission length. This is the direct result of the higher L/D ratio in the
cruise phase, which becomes more dominant for longer missions. In addition, it is concluded that by lower-
ing the cruise Mach number up to a specific point, the planar configuration becomes more efficient in terms
of fuel consumption. This is due to the fast decrease of the wave drag for the planar configuration, while for
the non-planar configurations this effect is smaller due to the smaller total amount of wave drag. Further
decreasing the Mach number, results in an increased fuel efficiency of the non-planar configurations. This
is the direct result of the ratio between the induced and parasitic drag components. Flying at a lower Mach
number, results in a higher required lift coefficient, and therefore a higher induced drag. Therefore this drag
ratio shifts towards the induced drag, which is lower for the non-planar configurations.

In conclusion, multidisciplinary design optimizations were performed with more accurate and advanced
models compared to previous studies on this subject. The results give a good insight into how altering the low
speed mission segments affect the most optimal wing design. The results of this study also provide an insight
into the structural and aerodynamic performance of the planar, winglet, C-wing, and box wing configura-
tions. From this study, can be concluded that using different climb and descent strategies results in different
optimal wing planforms in terms of fuel consumption, therefore it is important to take these low speed mis-
sion segments into account when optimizing wing configurations - especially for short range missions.



7
RECOMMENDATIONS

Althrough the current the model tries to model the real acircaft behviour as realistic as possible, it is still lim-
ited on several aspects. This chapter discusses the recommendations for future research on this subject.

The developed model does not take aeroelastic effects into account. The aerodynamic charachteristics
are determined for the rig shape of the wing. However, the wing will deform under the aerodynamic loads
during the flight. This in turn affects the aerodynamic performance of the wing. Because the different wing
configurations may show different aeroelastic effects, incorporating this coupling between the aerodynamic
module and the structure module may lead to alternate results. Especially the box wing is expected to show
different aeroelastic behaviour due to its stiffer wing structure at is attached at two points on the fuselage.

As critical load condition for the structural module, the 2.5g load condition is taken as specified in the
CS25 regulations. However, also the -1g load case at landing conditions may affect the optimized wing box,
and thereby affect the wing weight. In the current model this -1g load condition is not taken into account.
Also, the structural model used in this study consists of boom and skin elements. The accuracy of the struc-
tural model can be improved by adding ribs and stringers in the Nastran model.

The fuselage group is modelled as a constant factor in the present model. However, changing the wing
configurations will also affect the fuselage design, especially for the box wing configuration. Also, an actual
aircraft is the result of a converged design. Changing the wing planform and location will also affect other
components in of the aircraft, i.e. the location of the landing gear is affected. Taking these factors into ac-
count will give a better representation of the actual aircraft.

The stability and controlabillity of the configurations is only constraint for the longitudinal and static
cases. It may be interesting to see how the different configurations perform under dyanmic stability con-
straints, i.e. how the eigenmodes of the aircraft changes. Also the lateral performance is not considered in the
actual model. Including this in the mission analysis may also affect the optimized wing planforms.

Finally, it is recommended to use a non-gradient based optimizer to prevent local minima. The model is
created to allow design high freedom, however due to the nature of the gradient based optimizer it may not
be able to explore the full design space.
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