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Abstract

There is a renewed interest, expressed by ISECG, to return to the Moon and establish
a longer human presence on the lunar surface. Long term missions require supplies,
which can be transported to the Moon by a new promising solution: the Solar Electric
Propulsion (SEP) stage. The goal of this study is to create a conceptual system design
(phase 0) of such a SEP stage for Earth-Moon cargo transfer missions. The design is
driven by the propulsion and electric power system, which are the main focus of the
study, although all other subsystems are also covered to obtain a holistic system design.

Designing a SEP stage is a multi-disciplinary task, in which the trajectory analysis,
propulsion system and electric power system are tightly coupled. A mission analysis
program is created for simulation of the spiral transfer, while flexible design tools are
developed to create the conceptual design. The tools provide the possibility to quickly
evaluate a different mission scenario, such that the most suitable scenario, in consulta-
tion with the customer, can be selected.

A conceptual design is created that meets the mission objectives and requirements. Dur-
ing the design phase it was identified that the concept of a solar electric propulsion
stage, accommodates some critical issues and technological challenges. Especially the
high power demand, leads to the usage of highly conceptual power conditioning tech-
niques, which still have to be proven in space, possibly by a precursor mission. It was
also found that the SEP stage, compared to a chemical rocket, is capable of transporting
32% more payload, while having the same initial mass. This number can even increase
to 90% in case a different mission scenario, with a longer transfer duration, is selected.
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Executive Summary

Abstract
There is a renewed interest, expressed by ISECG, to return to the Moon and establish
a longer human presence on the lunar surface. Long term missions require supplies,
which can be transported to the Moon by a new promising solution: the Solar Electric
Propulsion (SEP) stage. The goal of this study is to create a conceptual system design
(phase 0) of such a SEP stage for Earth-Moon cargo transfer missions. Designing a SEP
stage is a multi-disciplinary task, in which the trajectory analysis, propulsion system
and electric power system are tightly coupled. A mission analysis program is created
for simulation of the spiral transfer, while flexible design tools are developed to create
the conceptual design. The tools provide the possibility to quickly evaluate a different
mission scenario, such that the most suitable scenario, in consultation with the cus-
tomer, can be selected. During the design phase it was identified that the concept of
a solar electric propulsion stage, accommodates some critical issues and technological
challenges. Especially the high power demand, leads to the usage of highly conceptual
power conditioning techniques, which still have to be proven in space, possibly by a
precursor mission. It was also found that the SEP stage, compared to a chemical rocket,
is capable of transporting 32% more payload, while having the same initial mass. This
number can even increase to 90% in case a different mission scenario, with a longer
transfer duration, is selected.

Introduction
The International Space Exploration Co-
ordination Group (ISECG) expressed a re-
newed interest to return to the Moon and
establish a longer human presence on the
lunar surface. The mission is planned
for 2028 and will provide the engineers
with the essential experience to achieve
the ultimate goal: a human mission to
Mars. Long term human missions, like
the one envisioned for the Moon, require
supplies. These supplies will be provided
by cargo freighters, of which a potential
and promising solution is to transport the

cargo by a Solar Electric Propulsion (SEP)
stage.

The goal of this study is to create a concep-
tual system design of such a SEP stage for
Earth-Moon cargo transfer missions. This
transfer stage is powered by photovoltaic
cells and uses primarily electric propul-
sion. These two subsystems, propulsion
and electric power system, drive the sys-
tem architecture and are the main focus of
the study, although all other subsystems
are also covered to obtain a holistic system
design. The aim is the assessment of the
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system’s feasibility, which is common for
concept studies (phase 0), and to evaluate
the impact of different mission scenarios
on the conceptual design. This is achieved
by developing engineering software tools
that design the major aspects of the stage.

The study is done on behalf of OHB Sys-
tem AG located in Bremen, Germany. To-
gether with OHB, the mission objectives
and top-level requirements are identified.
To meet these requirements, a mission
analysis is needed for determining the
mission architecture and ∆v budget. Then
the SEP stage will be designed, followed
by a baseline configuration and evalua-
tion of the SEP’s performance. Eventu-
ally, a conclusion and recommendations
are provided.

Mission Objectives & Requirements
The mission objective is to transport cargo
(unmanned), at minimum 17ton, from
Earth environment to a Low Lunar Or-
bit (LLO), within 200days, by means of a
Solar Electric Propulsion stage and return
to the Earth environment for a follow-up
mission. From this objective, the top-level
Mission Requirements (MR) and System
Requirements (SR) are deduced and are
obtained in agreement with OHB:

MR.1 The transfer stage shall transport
a payload of minimal 17ton (TBC)
from Earth environment to a LLO of
100×100km within 200 days (TBD).

MR.2 The stage shall be reusable, mean-
ing that the transfer stage shall re-
turn from LLO to the initial Earth
orbit and perform at least two mis-
sions to LLO with the potential of
extension to three missions.

MR.3 The transfer stage and cargo should

be launched together (TBC) with
one super heavy lift launch vehicle
(TBD). The launcher has to be avail-
able in the next decade (i.e. SLS or
Falcon Heavy).

SR.1 The transfer stage shall primarily be
using electric propulsion.

SR.2 The transfer stage shall be powered
by solar panels.

SR.3 The transfer stage shall provide
thermal control and radiate all ex-
cess heat to space.

SR.4 The transfer stage’s configuration
should be such that the direct im-
pingement of the thrusters’ exhaust
on the solar arrays is limited.

SR.5 The structure shall be rigid enough
to withstand the launch loads and
the frequencies that are imposed by
the launcher.

Mission Analysis
The mission analysis plays a crucial role in
the conceptual design study and poses a
complex task. The low continuous thrust
that is provided by the engines, results in
a spiral transfer to the Moon. The initial
acceleration is decisive for the spiral tra-
jectory, resulting in a ∆v and transfer time
required. Also, the initial acceleration that
can be achieved by the spacecraft, is de-
pending on the propulsion and electric
power system, illustrating the strong in-
terdependency between the mission anal-
ysis and these two subsystems (see figure
0.1).

The significance of the trajectory, de-
mands for a robust and simple tool, which
analyses the trajectory for various initial
accelerations and specific impulses. The
tool, specifically designed for a transfer
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from an Earth orbit to a lunar orbit, is
based on the following assumptions:

• The Earth and Moon are considered to
be point masses

• The Earth and Moon stay at the same
distance from each other.

• The Lunar sphere of influence is a per-
fect sphere.

• The problem is a two-body problem,
meaning that first the spacecraft spi-
rals in the Earth system up to the lu-
nar sphere of influence and then spirals
within the Moon system. No third-body
perturbations are considered.

• Other perturbations, like solar radiation
pressure and atmospheric drag, are not
considered.

• The Moon is present when the space-
craft arrives at lunar sphere of influence
radius.

• The Moon and the SEP stage are situ-
ated in the same orbital plane, i.e. they
have the same inclination and longitude
of the ascending node.

SEP stage design

Trajectory Analysis 
(thrust, specific 

impulse & propellant 
required)

Power 
configuration & 

Solar array sizing

Thruster selection, 
configuration and 

operation

Figure 0.1.: The interdependencies in
designing a SEP stage [22].

The transfer is calculated by using equa-
tions of motion, which are integrated by
the Runge-Kutta-Fehlberg method. When

the spacecraft reaches the lunar sphere of
influence, in the so-called patch point, a
coordinate transformation is made from
the Earth reference frame to the Moon
reference frame. During the transfer, no
thrust is applied in the Earth’s shadow
due to power reasons. The resulting ∆v
and transfer time show a dependency on
the eclipse and the selected patch point
angle. The conditions that are achieved in
the patch point, determine the perigee ra-
dius in the Moon’s system, which might
be highly favorable or unfavorable. Opti-
mization of these conditions requires com-
plex algorithms and long computation
times, which is undesired for a phase 0
study. As a consequence, results of com-
parable initial accelerations, can have out-
comes which are as large as 400m/s apart
(see figure 0.2). The overall tool is vali-
dated by using GMAT, which is a complex
mission analysis tool from NASA, by run-
ning multiple simulation cases.

The launcher candidates are SLS and Fal-
con Heavy, which are capable of bringing
70ton and 53ton, respectively, in a parking
orbit of 200× 200km. However, at this al-
titude the atmospheric drag influences the
orbit stability of the SEP stage. To obtain
a stable long-term orbit with negligible at-
mospheric drag, the SEP stage requires a
parking orbit of minimally 500× 500km.
The SLS, which is a 1.5 stage rocket, is not
capable of bringing a payload to this or-
bit or it will come at a very high cost. On
the contrary, the Falcon Heavy, which is a
2.5 stage rocket and restartable, is able to
bring a payload of 49.6ton to the selected
Low Earth Orbit (LEO) of 500×500km.

A simplified mass model is created to ob-
tain a preliminary mass estimate as func-
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Figure 0.2.: The time and ∆v as function of the initial acceleration for an Isp of 2,000s.

tion of the specific impulse. The power
system mass scales linearly with the thrust
and specific impulse, while the propel-
lant mass decreases exponentially with in-
creasing specific impulse. This indicates
that, for the proposed mission, there is an
optimum specific impulse from the mass
point of view (see figure 4.17). The re-
quired power at the optimum of 3,000s,
is 690kW, which is 2.7 times more than
the current state of the art. Therefore it
is chosen to select a sub-optimum specific
impulse of 2,000s that corresponds to a
much lower power demand of 460kW.

The transfer from LEO to LLO needs to
be performed in 200days, which corre-
sponds to an initial acceleration of 4.8 ·
10−4 m/s2 (see figure 0.2). The ∆v that is
required, including a 10% margin, equals
8,498m/s. To return from LLO to LEO, a
∆v of 8,134m/s is needed.

Launching the payload and SEP stage to-
gether with a single Falcon Heavy launch,

results, according to the preliminary mass
model, in a payload mass of 14.7ton, while
a payload of 17ton is required. Also,
during the design phase it was discov-
ered that having a heavy payload on
top of a SEP module, has severe conse-
quences for the structural mass. There-
fore, a dual launch scenario was selected,
in which the payload requirement can be
met and a significant structural mass sav-
ing is obtained. The resulting mission se-
quence (see figure 0.3) is thus, that the SEP
stage and Payload Module are separately
launched by a Falcon Heavy rocket. After
docking in LEO, the transfer to LLO is per-
formed, by using the propellant located
in the Payload Module. Once the space-
craft arrives in LLO, the two undock and
the Payload Module lands on the Moon,
while the SEP stage returns to LEO and
performs a second mission with another
Payload Module. The SEP stage is de-
signed to transport three Payload Mod-
ules in total.
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LEO
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Earth

Payload
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SEP Stage

Launch Vehicle
Payload
launch for
2nd mission

Figure 0.3.: The mission sequence of the SEP stage.

Stage Design
To obtain a feasible and holistic design,
the subsystems are designed by using
well-established methods and by apply-
ing a margin philosophy, on component
and on system level. The SEP stage’s sys-
tem design is mainly driven by the mis-
sion requirements, especially the trans-
fer time and payload mass requirement.
During the design phase, iterations were
needed to converge to the final design.
The chosen methodology is, when hav-
ing a fixed initial acceleration and a first
preliminary mass estimate, to analyze the
subsystems’ mass and obtain a new initial
mass. If the newly obtained initial mass is
within 5% of the old initial mass, the de-
sign is converged and final. Three itera-
tions are applied to meet this condition.

PROPULSION SYSTEM

The propulsion system enables the trans-

fer from LEO to LLO and is required to op-
erate at a specific impulse of 2,000s, which
is mainly the domain of Hall thrusters and
Magnetoplasmadynamic thrusters. How-
ever, the lifetime of a Magnetoplasma-
dynamic thruster is insufficient for this
mission and therefore Hall thrusters, us-
ing Xenon as propellant, are selected.
The Xenon is stored in composite over-
wrapped pressure vessels at a pressure
of 12MPa and a temperature in be-
tween 294− 304K. The Xenon Feed Sys-
tem down-regulates the pressure by a
single Propellant Management Assembly
(PMA), while a Xenon Flow Controller
(XFC) provides precise mass flow control
at engine level (see figure 0.4).

An advantage of selecting a Hall thruster
is, that a Direct Drive power processing
Unit (DDU) can be used for the power
conditioning. The working principle of
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Figure 0.4.: Schematic of the electric power system.

a DDU is that the Power Processing Unit
(PPU) of the Hall thruster is removed and
the solar array is directly linked to the Hall
thruster’s anode. This approach increases
the overall power efficiency, thereby re-
ducing the waste heat and the Thermal
Control System (TCS) mass. Also, elim-
ination of the PPU results in a lower
power demand and thus a significant
mass saving, although operational stabil-
ity becomes a point of concern.

As baseline thruster, the NASA-457M is
selected, although an update, in which the
magnetic shielding principle is applied,
is required to meet the desired lifetime.
In total fourteen thrusters are needed to
provide the stage with 31.3N of thrust.
The mass of all the elements of a thruster
string, including gimbals, DDU, cabling,
tanks and the XFS, were estimated, by
adopting and adjusting an existing model
from JPL, at 2,815kg.

ELECTRIC POWER SYSTEM

The Electric Power System (EPS) influ-
ences the performance and mission fea-
sibility to a great extent and forms the
most critical subsystem of the SEP stage.
The power is generated by Solar Arrays
(SA), which should be pointed perpendic-
ular toward the Sun for maximum power
production. The pointing can be accom-
plished by 1.) a two-axis gimbal, 2.) a
one axis gimbal in combination with a
roll-steering maneuver, and 3.) a one axis
gimbal and sizing the SA for off-pointing
errors. The SEP stage is launched into
the lunar plane, which is 5.1 ◦ inclined to
the Sun vector. In this configuration, the
power loss due to the off-pointing error
is only 0.4%, which makes the third op-
tion the most logical choice. The one axis
gimbal is incorporated in the Solar Ar-
ray Drive Mechanism (SADM), which di-
verts the power coming from the solar ar-
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rays, to the Sequential Shunt Units (SSU)
and Hall thrusters. A small fraction of
the power is converted, regulated and dis-
tributed by the Power Control and Dis-
tribution Unit (PCDU) to the subsystems
and heater, keeper and magnet supply of
the thrusters (see figure 0.4).

Regulation of the power operation point
is provided by the SSU and by adjusting
the Hall thrusters’ mass flow and mag-
netic field strength. This method gives full
control of the operation point and such
the power system can operate at the max-
imum power point of the SA characteris-
tic. The four SAs are flexible and consists
out of 2040m2 Inverted Metamorphic four
junction (IMM4J) solar cells, providing the
stage with 608kW of power at End-Of-Life
(EOL) and under hot conditions, while op-
erating at a voltage of 400V. A single Solar
Array Wing (SAW) contains two foldable
SA blankets with a deployable truss in be-
tween, having a total width of 17.7m and
length of 63.3m (see figure 0.5). The to-
tal mass of the flexible SAs and electronic
equipment is calculated at 6,834kg.

CONFIGURATION, STRUCTURES & MECH-
ANISMS

All subsystems and components should
be arranged into a suitable configuration.
To avoid large structural stresses during
launch and, consequently, a heavy struc-
ture, the center of mass should be lo-
cated as close as possible to the launcher
adapter. Therefore, the heavy compo-
nents primarily drive the configuration,
followed by the dimensions of certain
components. For the SEP stage, the pro-
pellant tank, SAW assembly (i.e. SADM,
canister and SA boom) and EPS are the
driving components and placed as close as

possible to the launcher adapter (see fig-
ure 0.5).

The primary load carrying structure,
which is connected to the launcher
adapter and sustains the launch loads,
consists out of a primary cylinder and
primary box (see figure 0.5), which are
analyzed for their stiffness, strength and
buckling by modeling them as a mass
carrying cantilevered beam. The elec-
tric thrusters and DDUs are positioned on
top of the primary box and enclosed by
the secondary box, such that a significant
mass saving is obtained for the secondary
box structure. This structure also provides
support to the SA booms and radiators
during the launch, while in space it pro-
vides protection to the power and Xenon
feed lines. Once the SEP stage is in orbit,
the electric thrusters, radiators and SAWs
deploy to their final configuration by us-
ing deployable trusses and mechanisms.

THERMAL CONTROL SYSTEM

Thermal models are created for the SA
and the spacecraft body. They are based
upon simple heat balances, in which it is
assumed that there is no interaction with
other surfaces and the equilibrium tem-
perature is reached. The model gives as
result the cold and hot temperature of the
SA and the minimal radiator area (73.6m2)
which is required to radiate all excess heat
to space.

ATTITUDE AND ORBIT CONTROL SYSTEM

The Attitude and Orbit Control System
(AOCS) controls the orientation and di-
rection of the spacecraft by four gimbaled
electric thrusters, which are located at the
corners of the back plate and can tilt their
thrust vector 12 ◦. These thrusters provide
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Figure 0.5.: The SEP stage in the folded configuration (left and middle) and in the
deployed configuration with the Payload Module docked (right).

enough agility for the AOCS system to
apply steering maneuvers and cancel out
torques caused by the solar pressure force.
Also, a set of sensors is identified, that are
able to acquire the stage’s position and at-
titude.

TELEMETRY, TRACKING & COMMAND

AND ON-BOARD DATA HANDLING

The Telemetry, Tracking & Command
(TT&C) and On-Board Data Handling
(OBDH) subsystems do not drive the de-
sign. Therefore, a conventional design is
made in which commercial off-the-shelf
units are selected that fulfill similar tasks
in other missions.

Performance Analysis
A SEP stage can have various component
failures, without endangering the mission
objectives. E.g., the impact of a single en-
gine failure on the stage’s performance is
minimal and will lead to a longer trans-
fer time of approximately one day. In case
more engines fail, the impact on the trans-
fer time will increase, although it is ex-
pected that sufficient propellant is avail-
able to fulfill the mission objective, ex-
cept for the transfer time requirement.
The failure of a SADM, leading to halved
power output, will approximately double
the transfer time, although it is expected
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Mass budget SEP stage Payload Module Total

mstructure (kg) 2,308 - 2,308

mpropulsion (kg) 2,815 1,818 4,632

mpower (kg) 6,834 - 6,834

mthermal (kg) 1,075 - 1,075

mAOCS (kg) 81 - 81

mOBDH (kg) 48 - 48

mTT&C (kg) 36 - 36

mharness (kg) 1,320 - 1,320

msubsystems (ton) (20%) 17.4 2.2 19.6

mpayload (ton) - 17.0 17.0

mdry (ton) 17.4 19.2 36.6

mprop (ton) 8.2 23.2 31.5

m0 (ton) 25.7 42.4 68.1

Table 0.1.: Resulting mass budget after the third iteration. Note that the payload
module has to harbor the propellant to go from LEO to LLO.

that the other mission objectives can still
be met.

The conceptual design meets all the top-
level mission and system requirements,
although a dual launch scenario was se-
lected due to structural mass benefits
and to meet the required payload mass.
The complete spacecraft, with SEP stage
and Payload Module docked, has a to-
tal mass of 68.1ton (see table 0.1) and
a payload mass fraction (mpayload/m0) of
0.25. Another study performed at OHB
showed that a chemical rocket can ob-
tain a payload mass fraction of 0.19 [2],
which means that the SEP stage is capable
of transporting 32% more payload, while
having the same initial mass.

A SEP stage is a new, unproven technol-
ogy that has to overcome some critical is-
sues and technological challenges. The
high-voltage present on the SA causes po-

tential differences, which can lead to elec-
trostatic discharges. To reduce this risk
and lower the spacecraft’s potential, the
thruster cathodes are operational at all
times. Also, the operation of a DDU is a
new development in which questions re-
main. Tests of JPL show promising re-
sults, although it is expected that a pre-
cursor mission is required to validate the
operation of a high-voltage SA in com-
bination with a DDU. A third critical is-
sue is the deployment of the deployable
trusses, which deploy the SA and thruster
plate to its final position. However, there
is substantial heritage of other missions
(ISS, SRTM Space Shuttle and NuSTAR)
and extensive ground testing can be per-
formed for validation of the system. An-
other critical issue, for the current mission
and configuration, is the size of the SADM
and canister, which reach the outer lim-
its of the fairing diameter. As a result,
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Transfer time (days)

Characteristic 200 400 800

mpayload (kg) 17,000 10,000 17,000 10,000 17,000 10,000

PEOL (kW) 608 486 285 212 189 129

mSEP,dry (ton) 17.4 15.1 10.1 8.3 7.3 6.0

mprop (ton) 31.5 26.1 18.6 14.2 11.0 7.7

m0 (ton) 68.1 52.8 46.9 33.4 35.9 24.1

mpayload/m0 0.250 0.189 0.362 0.299 0.473 0.414

Table 0.2.: SEP stage characteristics when lowering the transfer time requirement
and/or payload mass.

the cylindrical section is connected to the
thrusters through a relatively small rect-
angular box. These issues show that the
current mission scenario reaches the limit
of the technological possibilities, there-
fore the impact of less demanding mis-
sions, with longer transfer duration and
less payload, on the design are studied.

The alternative mission scenarios that are
studied, are for a payload of 17ton and
10ton with a transfer time of 200, 400 or
800days. The transfer time requirement
changes the optimum specific impulse,
initial acceleration and ∆v-budgets of the
corresponding missions. The new mission
scenarios lead to less demanding designs
(see table 0.2), from which it can be con-
cluded, that relieving the transfer time re-
quirement has a greater impact than di-
minishing the payload mass requirement.
Also, an increase of the transfer time, re-
sults in a significant increase of the pay-
load mass fraction. However, the rela-
tive payload mass fraction increase from
400 to 800days is smaller than from 200 to
400days. Therefore, it is advised to change
the mission scenario to a 400days scenario,
having a payload mass of 17ton.

Conclusion
The purpose of this study is to create a
conceptual system design of a SEP stage
for Earth-Moon cargo transfer missions.
The mission objective is to transport a
cargo of 17ton from the Earth environment
to LLO, within 200days. The transfer is
performed by electric thrusters, which re-
sults in a spiral trajectory. Simulations of
this trajectory showed that a ∆v of 8.5km/s

is required to go from a 500×500km LEO
to a 100× 100km LLO, having an initial
acceleration of 4.8 · 10−4 m/s2. The Falcon
Heavy launches the SEP stage and Pay-
load Module separately into LEO, where
the two dock and perform the transfer to
LLO. After undocking, the Payload Mod-
ule lands on the lunar surface and the SEP
stage returns to LEO to meet with a sec-
ond Payload Module. The SEP stage is de-
signed for transporting three modules in
total.

The design of the SEP stage is driven by
the mission requirements, especially by
the transfer time and payload mass re-
quirement. They drive the propulsion
system and electric power system and
thus the overall stage’s mass and architec-
ture. The subsystems are designed by us-
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ing well-established design methods and
by applying a margin philosophy, to ob-
tain a feasible and holistic design. Itera-
tions were applied to converge to the fi-
nal design, of which three in total were
needed. The baseline SEP stage, em-
ploys Hall thrusters as type of propulsion,
which provide a thrust of 31.3N. The en-
gines are powered by flexible solar arrays,
which consists out of Inverted Metamor-
phic four junction solar cells, generating a
total power, at EOL, of 608kW. The op-
eration point of the power system is con-
trolled by the DDU in combination with
the SSU.

A SEP stage can have various compo-
nents failures, without endangering the
mission objectives. A single engine fail-
ure will lead to a slightly longer transfer
time of approximately one day, while a
SADM failure will approximately double
the transfer time, although it is expected
that sufficient propellant is available to
meet the other mission objectives.

The conceptual design meets all the top-
level mission and system requirements,
although a dual launch scenario was se-
lected due to structural mass benefits and
to meet the required payload mass. The
complete spacecraft has a total mass of
68.1ton and a payload mass fraction of
0.25. Compared to a chemical rocket,
the SEP stage is capable of transporting
approximately 32% more payload, while
having the same initial mass. This can
even increase to 90% in case the 400days

scenario is selected.

The SEP stage is a new and complex sys-
tem, introducing technological challenges
and critical issues. Multiple critical is-

sues, with the DDU, SAs, SADM and
deployable truss deployment, were iden-
tified. These systems require a signifi-
cant engineering effort, to develop reli-
able space qualified components. For the
high-voltage SA and DDU it is expected
that a precursor mission is needed to vali-
date the concept. The critical issues show
that the current mission scenario reaches
the limit of the technological possibilities,
therefore less demanding missions and
their impact on the design are studied.
From the results, it is advised to change
the mission scenario to a 400days scenario,
while having the same payload mass of
17ton. For this advised new mission sce-
nario, no optimization of the launcher se-
lection is performed. For a more thorough
analysis, the launcher selection has to be
re-assessed and therefore there is a proba-
bility that the overall design will change.
However, the rational of the performed
parameter study is to show the impact of
a different mission scenario on the design
and to advice the customer to reconsider
its initial requirements.

In conclusion, this study provides a con-
ceptual design of a solar electric propul-
sion stage that can fulfill the mission
objectives. Also, the effect of different
mission scenarios on the design are re-
searched, which results in the advice to
change the transfer time requirement from
200days to 400days. For the future design
phases it is advised to improve the mis-
sion analysis by improving the trajectory
computation of the Spiral Program. Fur-
thermore, the design of the subsystems
can be performed in more detail, result-
ing in more accurate mass and power bud-
gets.
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1. Introduction

Since the last Moon landing in 1972, the interest of human missions to the Moon faded.
However, recently there is a renewed interest to go back. The International Space Ex-
ploration Coordination Group (ISECG), consisting out of 14 space agencies, updated a
Global Exploration Roadmap in September 2011 [18]. This roadmap examines possi-
ble pathways in the next 25 years and developed two mission scenarios. One of these
scenarios is the ’Moon Next’ scenario, where it is planned to go to the Moon around
2028 and establish a long lasting human campaign. This human campaign needs to be
supplied by resources, which will be provided by cargo freighters.

Transferring cargo from Earth to the Moon on a regularly basis by means of current
technology is expensive. A potential solution for reducing cost is to transport the cargo
by using a Solar Electric Propulsion (SEP) stage. A SEP stage can transfer significantly
more payload compared to a chemical propelled transfer stage while having the same
initial mass [1]. Secondly, a SEP stage can be made re-usable, which is another potential
cost saver.

The goal of this study is to create a conceptual system design of such a SEP stage for
Earth-Moon cargo transfer missions. The design of the transfer stage is limited to elec-
tric propulsion, which are powered by solar panels. Technological challenges, enabling
technologies and requirements concerning the design will be identified. Comparable
studies have been performed by NASA, although for different mission scenarios and
diverse levels of detail. This study follows the ESA’s design philosophy for concepts
studies, to obtain a feasible design that can be compared with past studies. The study
also incorporates the opportunity to evaluate other mission scenarios and their impact
on the conceptual design.

The focus within the study will be on the design of the propulsion system and electri-
cal power system. However, all other subsystems will be addressed as well in order to
achieve a holistic system design. Though, the level of detail of these subsystems will
be lower, since they do not drive the system architecture. The aim is the assessment
of the system’s mass feasibility and consistency, which is common for concept studies
(phase 0). The resulting conceptual design shall serve as a reference for understand-
ing the interaction of the subsystems and the system layout and will support further
development of the mission.

Previously, a literature study was performed concerning electric propulsion and high
power systems. Lessons learned from this literature study [1], in short, are:
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• For every mission there is an optimum specific impulse from the mass point of
view.

• Ion and Hall thrusters have profound flight heritage and are candidates for the
mission.

• For High Power Hall thrusters a Direct Drive Unit (DDU) should be considered
as power conditioning system.

• Solar cells have a big impact on the design and therefore a trade-off between dif-
ferent solar cells is required to come to a good selection.

• The dimensions of the large solar array yield to complications regarding its rota-
tion and shadowing. Solutions for the solar array configuration will be evaluated.

The study will be done on behalf of OHB System AG located in Bremen, Germany. From
now on they will be referred as being the customer. For designing the major aspects of
the SEP stage, engineering software tools will be developed.

Together with the customer, the mission objectives and top-level requirements will be
identified in chapter 2. To learn the approaches and specific issues concerning the de-
sign of a SEP stage, a literature study on comparable researches will be done in chapter
3. Chapter 4 contains the Mission Analysis, wherein initial orbits will be identified
and ∆v-budgets determined. Then the SEP stage itself will be designed in chapter 5,
followed by an evaluation of its performance in chapter 6. Finally, a conclusion and
recommendations will be given in chapter 7. The appendices contain the validation of
the Mission Analysis program, data from components used for the stage’s design, an
overview of the requirements flow-down and the master thesis proposal.
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2. Mission Objectives & Requirements

The mission objectives and requirements are defined in order to have a clear overview
and direction in which the design is advancing. The study is currently in phase 0,
meaning that only the top level objectives and requirements can be identified. First
the mission objectives will be formulated, followed by the outline of the mission and
system requirements.

2.1. Mission Objectives

The mission is considered to be an international cooperation (e.g. ISECG), due to the
mission complexity and high amount of cost. The mission objective defined by the
customer is as follows:

• Transportation of cargo (unmanned), at minimum 17ton (TBC), from Earth envi-
ronment to a Low Lunar Orbit (LLO), within 200days, by means of a Solar Electric
Propulsion stage and return to the Earth environment for a follow-up mission.

The study objective, defined by the customer, is:

• Improving system understanding of an Solar Electric Propulsion stage.

The mission need statement, derived from the introduction and objectives, is as follows:
To realize a conceptual system design of a Solar Electric Propulsion transfer stage which
is capable to transport cargo of minimal 17ton from Earth environment to a Low Lunar
Orbit within 200days and return to the Earth environment for a follow-up mission.

2.2. Mission & System Requirements

In this section the mission and system requirements are deduced from the objectives.
The requirements describe the need of what the end product should do and are the key
to design and development. They ensure that the end result matches the envisaged
outcome of the design.

Only the top level requirements are given, meaning that the total number of require-
ments is rather limited. This approach is chosen, since the complete design space, in
which trades can be performed, can be covered to come to an optimum design. It is
chosen to divide the requirements into two groups:
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• Mission Requirements

• System Requirements

According to the ESA standards the mission requirements are related to tasks, func-
tions, constraints, or the actions induced by the mission scenario [14]. ESA identifies a
phase 0 study to focus on the system functional and technical requirements [15]. Since
not many requirements are known at this point, these are grouped in the system re-
quirements and they specify what the system as a whole must perform in order to meet
the mission objective and mission need statement. The requirements are obtained in
agreement with the customer:

Mission Requirements (MR)

1. The transfer stage shall transport a payload of minimal 17ton (TBC) from Earth
environment to a LLO of 100×100km within 200 days (TBD).

2. The stage shall be reusable, meaning that the transfer stage shall return from LLO
to the initial Earth orbit and perform at least two missions to LLO with the poten-
tial of extension to three missions.

3. The transfer stage shall primarily be propelled by electric propulsion.

4. The transfer stage shall be powered by solar panels as primary power source (nu-
clear power is excluded).

5. The transfer stage and cargo should be launched together (TBC) with one su-
per heavy lift launch vehicle (TBD). The launcher has to be available in the next
decade (i.e. SLS or Falcon Heavy).

6. The transfer stage shall dock and un-dock with the cargo, depending on the mis-
sion architecture.

7. The transfer stage shall follow End-of-Life regulations.

System Requirements (SR)

1. The transfer stage shall be able to operate in deep-space environment, specifi-
cally the environment surrounding the Earth and Moon. This includes the Van
Allen belts, solar radiation, solar wind, cosmic radiation, debris and (micro-) me-
teoroids.

2. The transfer stage shall primarily be using electric propulsion.

2.1 The electric propulsion shall be provided by Ion or Hall thrusters, since they
have the most favorable characteristics for this mission type [1].

2.2 The engine can provide thrust during eclipse.

3. The transfer stage shall be powered by solar panels.

3.1 The solar array shall be deployed autonomously.
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3.2 The critical systems shall be powered by batteries during eclipse time.

3.3 The EOL power generation of the solar panels shall be sufficient to maintain
proper engine functionality.

4. The transfer stage shall have sufficient propellant capacity to perform the transfer.

4.1 The most suitable propellant from performance point of view shall be iden-
tified.

5. The transfer stage shall provide thermal control and radiate all excess heat to
space.

6. The transfer stage shall provide a separation mechanism from its payload. Due to
stage reusability, this shall be a docking mechanism to dock and un-dock with the
payload.

7. The transfer stage shall provide 3-axis attitude control during the entire mission.

8. The transfer stage shall be able to communicate with an Earth based ground seg-
ment.

9. The transfer stage shall perform the mission automatically, meaning that the stage
can perform some operations by itself (TBD) and for other commands can be given
during the mission.

10. The transfer stage shall provide electric power to the payload during the transfer.

11. The transfer stage’s configuration should be such that the direct impingement of
the thrusters’ exhaust on the solar arrays is limited (TBD).

12. The configuration shall be such that the thermal radiators, solar panels and the
docking mechanisms have a unobstructed field of view.

13. The structure shall be rigid enough to withstand the launch loads and the fre-
quencies that are imposed by the launcher.

These requirements serve as a basis for the phase 0 study and the conceptual design.
Also, a first analysis is required to see if these top level requirements can be met. During
the whole phase 0 study more thorough requirements will be deduced.
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3. Former SEP-stage concepts

The use of an SEP stage to move cargo has only been studied at the conceptual design
level. These conceptual designs have shown that SEP is an efficient way of moving
large masses from LEO to GEO and beyond, although at the expense of trip time. First
a general discussion about SEP-stages will be given here, followed by some results ob-
tained by concept design studies. By studying earlier performed studies the (technical)
challenges can be identified together with possible solutions.

There are a number of technical challenges associated with SEP stages. These are mainly
the large, high power deployable solar arrays, power management, power architecture,
multi-thruster operation, thruster life-time, optimized low thrust guidance and vehicle
attitude control [31] [19]. On configuration level the challenge is to position the solar ar-
rays of an SEP vehicle and electric thrusters such that harmful interactions of the arrays
with the electric thruster plumes are avoided [19]. The plumes can cause sputtering
and contamination of the arrays, which should be avoided. Besides, the arrays should
be positioned such to obtain the most power. In case of more than two wings this can
be problematic, since array shadowing can occur which reduces the power production.
The arrays must also be designed such to avoid arcing and taking into account parasitic
plasma electron current collection [31]. Another issue is that the cost and complexity
of the solar array increases with a growing area, which influences the feasibility of the
mission. Therefore there is a strong desire to keep the solar arrays as small as possi-
ble [31].

For a SEP stage usually a direct drive approach is considered for the power manage-
ment. This Direct Drive power processing Unit (DDU) eliminates the traditional Power
Processing Unit (PPU) and instead directly couples the solar array output to the electric
thrusters [20] [19] [21]. Eliminating the PPU results in significant mass savings, al-
though system complexity and operational stability becomes a point of concern. How-
ever, a number of ground test have demonstrated a stable direct drive operation with a
single Hall thruster [31].

The design of an SEP stage compared to a chemical stage is more complicated, while
the key systems are highly coupled and the electric power system driving much of the
vehicle’s design and concept of operations [31]. These challenges indicate that a big
effort is required to design, construct, integrate and test an SEP stage.

All SEP concepts use either gridded ion engines or Hall thrusters as means of electric
propulsion and typically they use Xenon as propellant. Since all SEP vehicles are con-
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ceptual, mostly initial estimates are based on ratios or other simplified ‘rule-of-thumb’
techniques. The result can therefore be misleading and lead to optimistic estimates for
the mass [31].

Reusability of an SEP stage is an asset, since it makes the stage cost effective compared
to a cryogenic chemical stage. A logical consequence of the reusability is an increase in
lifetime. Currently, the main life time limiters are the solar array degradation and high
power Hall thrusters life time [19]. Further development in these areas are needed to
obtain more radiation resistant solar arrays and longer lifetimes of Hall thrusters.

With these general results in mind, a closer look can be taken at some conceptual de-
signs and their results. The discussion is limited to two NASA conceptual studies; the
SEP Cargo vehicle from 2005 and the HEFT study from 2010 and 2011. The European
HiPER program is investigating and developing the technologies required for these
missions, but does not have an overall system design at this point.

3.1. SEP Cargo Vehicle to support NASA Lunar Exploration
Program 2005

This study was performed to compare a traditional chemical transfer stage to multiple
SEP designs. Also key technical challenges and critical technologies were investigated
and developed. The information presented in this section is coming from reference [19].

The study researched a reusable variant of an SEP vehicle, which goes to the Moon and
back to the Earth, and also a one-way variant, which stays in lunar orbit. The reusable
variant consist of two separate vehicles; an Orbital Transfer Vehicle (OTV) and a Cargo
Delivery Vehicle (CDV). All reusable components, like the solar arrays, thrusters, PPUs
are on the orbital transfer vehicle. The cargo and main propellant tanks are on the cargo
delivery vehicle. A disadvantage of the reusable variant is that for all the missions
docking with the cargo is required in Earth orbit. Also each cargo spacecraft will be
required to bring up the propellant for the transfer to the Moon.

The SEP vehicle is launched into a 550km circular orbit and the target orbit is a LLO
of 100x100km. The ∆v requirements for this mission are estimated between 7.83 and
8.34km/s. The power level of the SEP vehicle is determined at 600kW and Hall thrusters
are selected for this mission because of their high thrust-to-power ratio and high level
of technical maturity. The specific impulse of the selected thrusters is 2500s. Due to the
high operation power the vehicle can not operate in eclipse, since the mass limitations
prohibits a power storage system.

As a consequence of the huge solar array, in total 2400m2, the drag area is also substan-
tial. This area results in an atmospheric drag in low Earth orbits and therefore limits
the orbital lifetime of the vehicle. An analysis showed that an orbit height of 375km
should be a safe minimal operating altitude for a few days. However, failures might
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occur in these few days and therefore a minimal height of 550km is chosen were the or-
bit lifetime is 1.5 years. At a height from 1,000km and above almost no drag is present,
therefore this orbit is selected to be a parking orbit when no operations are necessary.

In table 3.1 the results for different cargo delivery configurations can be seen. For the
multiple cargo design the first value is the cargo that can be delivered the first time, the
second value corresponds to all the follow-up missions.

Chemical Multiple cargo One-way

Power Level (kW) N/A 600 600

Specific Impulse (s) 450 2500 2500

LEO-LLO Transit Time (month) 0.13 5.9/6.5 5.8

LLO-LEO Transit Time (month) N/A 1.2/1.2 N/A

Thruster firing time (hrs) N/A 5128/5698 4234

OTV On-orbit Mass (kg) N/A 7996 7400

CDV dry mass w/o landing stage (kg) N/A 1840/2120 N/A

Propellant Mass (kg) 42,900 23,001/25,553 18,990

Surface Cargo Delivered (kg) 11,900 19,690/22,439 23,210

Table 3.1.: Comparison of Cargo Delivery Configurations [19].

One of the conclusions from this study is that a high power SEP system is capable of
delivering over twice the mass to the lunar surface as compared to a cryogenic chemical
system, as can be seen in table 3.1. This comes at the expense of trip time and vehicle
dry mass.

The one-way configuration illustrates the cost of having a reusable system compared to
a disposable system. In this configuration there is no docking mechanism required and
the OTV and CDV are integrated into one vehicle. The resulting increase in delivered
cargo is minimal, which shows that the cost of returning the OTV to LEO is negligible
to the system.

Figure 3.1.: Configuration of the SEP stage [19].
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In this design of the SEP vehicle it is chosen to store the propellant cryogenic, at a
temperature of -37◦C, and at a low pressure of 1.7 MPa. At this pressure the boiling
point of Xenon is raised to -35◦C, which means that the thermal control system should
keep the tank below this temperature. An initial analysis showed that this temperature
requirement can be met when the propellant is sufficiently shielded from the rest of the
relatively warm spacecraft and has a reasonable radiation view factor to space.

For the attitude control system, which has to perform the critical docking maneuvers,
it is chosen to have a standard hydrazine attitude control system, while this system is
well understood and has a low risk. The complete configuration of the SEP stage can
be seen in figure 3.1.

3.2. Human Exploration Framework Team 2010

In 2010, NASA started to systematically evaluate human exploration mission and archi-
tectures. This team, called Human Exploration Framework Team (HEFT), completed
some initial top-level studies. Their results will be discussed and can be found in refer-
ence [31].

One of the outcomes of the studies was that a Solar Electric Propulsion stage has the
potential to be the most effective solution to perform deep space transfer for human
missions to Near Earth Objects (NEOs). The study concluded that a SEP vehicle reduces
launch mass by a factor of two. Besides, these architectures are robust with respect to
mass growth when more ∆v is required, because of the high specific impulse of the
propulsion system [31].

Figure 3.2.: SEP vehicle of the HEFT study [31].

The HEFT study examined the usage of a SEP vehicle to support a human mission to a
near Earth asteroid. For this mission two 300-kW SEP stages would be used. The first
would be launched to LEO and used to spiral cargo, a large cryogenic propulsion stage,
to the Earth-Moon Lagrange point 1 (L1). The second SEP vehicle would bring a deep
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space habitat, a space exploration vehicle and a propulsion kick stage from LEO to L1.
A third launch would bring up a crew transfer vehicle and a second cryogenic propul-
sion stage, to transport the crew to L1 and dock to the deep space habitat. The second
SEP stage would then be used to bring the crew, deep space habitat, space exploration
vehicle and crew transfer vehicle to a near Earth asteroid and back within a year (see
figure 3.2). The advantage of this mission is that the entire mission can be accomplished
with only three heavy lift launches, which is half the number when using all-chemical
propulsion [31].

For the solar array wings the Inverted Metamorphic (IMM) solar cells were identified
as the leading candidate to become the next generation solar cell technology. These
cells combine increased efficiency with a lower mass compared to conventional triple
junction solar cells [31]. The solar array wings are consisting out of these IMM cells,
which have an efficiency of 33% and an areal density of 260W/m2 at array level. The
specific power at array level is 200 W/kg, generating 390kW and 337Vdc at Beggining
Of Life (BOL), having a total deployed area of 1,400 to 1,500m2 [31].

To keep the trip time reasonable (within 1 year) for this mission the specific impulse
was chosen to be 2,000s. A logical consequence of this relatively low specific impulse is
that Hall thrusters are selected as propulsion type. The NASA-457M was indicated as a
thruster that could meet the mission requirements with some modest amount of further
development. A total of eight thrusters would be required, each operating at 37.5kW.
The key remaining major challenges in this area are to demonstrate reliable thruster op-
eration over the required lifetime and to ensure no adverse effects from multi-thruster
operation [31].

Figure 3.3.: A Direct Drive Unit, eliminating the discharge power supply of a Hall
thruster [31].

The selection of a Hall thruster as propulsion system, leads to a interesting trade off con-
cerning the power system. The discharge voltage of a Hall thruster typically operates
at 300 to 400Vdc. If the solar array can function at these voltages, the need for an extra
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PPU at the engine is eliminated (see figure 3.3). At these significant power levels, this
results in a mass saving greater than 50% concerning the PPU, while also decreasing
the cost and complexity [31].

Another benefit of the direct drive approach is that due to the higher operating voltage
the losses in the cables are reduced, consequently reducing the cable mass. This study
indicated that operating at 300Vdc could reduce the mass of the vehicle by more than
2,400kg compared to a voltage of 160Vdc. However, higher operating voltages increase
the probability of solar array arcing and spacecraft charging, which need to be dealt
with [31].

3.3. 300kW SEP stage for Human Exploration 2011

The continuation of the HEFT research, resulted in a preliminary design of a 300 kW SEP
stage for Human Exploration of Near-Earth Asteroids (see figure 3.4). The information
presented here is coming from reference [20].

Figure 3.4.: 300kW SEP vehicle of the HEFT study [20].

The approach taken in designing this stage is to minimize the use of new technology
where ever possible. This is done to obtain a more realistic cost budget, even though it
resulted in a higher system mass. The main goal of the stage is to transport 40,000kg of
cargo from LEO to high-perigee HEO (60,000x400,000km) within less than 2 years.

The solar cells selected for this mission are the Inverted Metamorphic (IMM) solar cells,
which are assumed to have an efficiency of 33% and a thickness of only 10µm. The cells
are mounted to a 5µm kapton substrate and the front and back glass covers are each
125µm thick, completing the blanket assembly (except for wiring). The glass covers
reduce the total radiation dose on the cells induced by the radiation belts, resulting in a
blanket consisting mostly out of glass.

To produce a total power of 350kW at 1 AU with these cells, a total area of 800m2 is
required, which means an area of 400m2 per wing. One of the most significant require-
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ments is the need for an autonomously deployable solar array with this area. In addi-
tion, the wings must be capable of withstanding a load of maximum 0.2-g due to the
firing of a cryogenic kick stage. Also, the first-mode natural frequency must be greater
than 0.1Hz when fully deployed. In a stowed configuration, the specific power den-
sity should be greater than 70 kW/m3. The BOL specific mass of the solar array should
be less than 5kg/kW (specific power of > 200W/kg). Furthermore, to minimize the
moment of inertia around the roll axis of the spacecraft and to lower solar array and
solar-array-gimbal bending moments, the array configuration should have an aspect
ratio of approximately 1-to-1.

The electric propulsion system is consisting out of eight thrusters of which seven are
operating simultaneously, with a total input power of 300kW. The PPUs must be capa-
ble of processing up to 43kW with input voltages over the range of 250 to 350V and
an efficiency of ≥ 95%. Their maximum allowable operating temperature is 60◦C and
they have a specific mass of < 1.8kg/kW. The thrusters have a specific impulse of 2000
s and an efficiency of 60%. At 1 AU their minimum thrust level is 18N. The specific
mass of the thrusters must be < 1.9kg/kW, while the gimbals shall not exceed 50% of
the thruster mass. The thrusters operate on Xenon as propellant. In total the storage
system stores up to 40,000kg of Xenon of which 37,000kg is used for the mission.

The heat produced by the PPUs needs to be rejected, which is done by the thermal
control system. This system needs to radiate about 15kW of PPU heat at their maxi-
mum operating temperature. Therefore, a total radiator surface area of about 28m2 is
required, assuming that the radiators do not see any warm bodies, with an IR emissiv-
ity of about 0.86 (white paint) and a fin effectiveness of about 90%. The vehicle has two
radiators of 14m2 mounted to the spacecraft structure. Moreover, another 5kW of heat
caused by other power loads need to be rejected by additional radiator area, which is
currently not included in the design. The heat is transported by imbedded loop-heat
pipes to the radiators, while having a specific mass for the total system of < 25kg/kW.

Instead of a PPU also a design with a DDU was considered. This design resulted in a
slightly smaller solar array and significantly less waste heat. Therefore, potentially this
system is much easier to develop. The DDU also has an input power of 43kW and is
estimated to have a mass of 17kg. In total eight DDUs are required, saving a total mass
of about 500kg compared to PPUs, not counting the structure and thermal subsystem
mass savings and reduction in solar array size.

In case of a DDU system, the other loads of the spacecraft are supplied by a separate
electric segment of the solar array. This segment of the array is operating at a different
voltage level, eliminating the need for a high-voltage down converter.

As said, the SEP stage needs to store approximately 40,000kg of Xenon. This is done
in seamless aluminum-lined composite overwrapped pressure vessels. Each tank has
a diameter of 1m by 4.5m long and can store up to 4,900kg with a maximum design
pressure of 10MPa. In total eight tanks are required to store the propellant.
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With all the information presented a rough high level mass estimate was performed for
the two concepts, see table 3.2. The concept with the DDU has a reduced vehicle dry
mass of about 1.4ton and wet mass by 2.6ton. One of the main conclusions of this study
was that by using SEP stages the number of heavy lift launches is halved into a total of
three launches.

Total Mass with margin (kg)

Subsystem PPU-concept DDU-concept

Structures & Mechanism 2535 2305

Ion Propulsion 4376 3739

Electric Power 3391 3286

Reaction Control 230 230

Command & Data Handling 87 87

Attitude Control 19 19

Thermal Control 1049 659

RF Communications 41 41

Spacecraft Harness 365 365

Total Dry Mass 12095 10733

Xenon Mass 40150 39017

Wet Mass 52245 49663

Table 3.2.: Mass estimate of a 300 kW SEP stage for a PPU and DDU within the HEFT
study [20].
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4. Mission Analysis

The mission analysis plays a crucial role in the conceptual design study and poses a
complex task. The analysis is needed to determine the ∆v-budget, which is equivalent
to the propellant mass for a given Isp, and the mission duration. An optimization of
the mission time is excluded, which means that no specific predefined launch date and
arrival date are determined. In the current design phase only the overall mission time
is relevant.

The thrust level of electric propulsion is very low compared to chemical, therefore a
spiral transfer needs to be conducted to go to the Moon (section 4.1). The ∆v and trans-
fer time depends on the initial acceleration of the spacecraft and is thus depending on
the performance of the propulsion system, which is again tightly coupled to the per-
formance of the power system. This illustrates that there is a strong interdependency
between the mission analysis and the design of a Solar Electric Propulsion stage, espe-
cially the propulsion and electric power system (see figure 4.1).

SEP stage design

Trajectory Analysis 
(thrust, specific 

impulse & propellant 
required)

Power 
configuration & 

Solar array sizing

Thruster selection, 
configuration and 

operation

Figure 4.1.: The interdependencies in designing a SEP stage [22].

A heavy lift launcher has to transport the SEP stage and payload to an initial orbit,
which are examined in section 4.2 about the mission architecture. Due to the high inter-
dependencies, an initial mass budget is required to obtain results for the ∆v, Isp, initial
acceleration and total mission time. Also, the total radiation dose upon the solar array
will be evaluated within the environmental factors section (section 4.4). The overall
analysis will be used in the design phase of the different subsystems (see chapter 5).
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4.1. Spiral Transfer Strategy

As stated, the SEP stage will conduct a spiral transfer to the Moon. The general orbit
geometry of a spacecraft within a two dimensional reference frame is described by the
velocity v̄, flight path angle φ , radius r̄, true anomaly ν , semi-major axis a, eccentricity
e, semi-minor axis b and the semi-latus rectum p (see figure 4.2). In figure 4.2 the Earth
is in one of the focal points of the ellipse and has a radius RE.

r̄

ν

PerigeeApogee

aea

pb

Local horizontal

v̄

RE

φ

Figure 4.2.: Elliptical orbit with Keplerian Orbital elements, derived from reference [9].

The ∆v-budget to accomplish the transfer needs to be determined in order to have a
thorough mission analysis. A spiral transfer is from the ∆v point of view not the ideal
case, since losses occur. These losses can be explained by first having a look to the ideal
HOHMANN transfer (see figure 4.3), in which the transfer from an initial orbit to a final
orbit is done most efficiently from a ∆v point of view 1.

The HOHMANN transfer states that the minimum change in velocity between orbits can
be achieved by using two tangential burns (see figure 4.3). The flight path angle must be
equal to zero at the point were the impulsive shot is applied, so in an elliptical transfer
orbit this can only be done in the apogee or perigee. At this point the semi-major axis
and eccentricity are changed exclusively. However, in reality there is no impulsive shot
and a finite burn time is required to deliver a ∆v. During this burn the flight path angle
is only for a limited time equal to zero, in the duration that it is unequal to zero, energy
will be lost. These energy losses are called gravity losses, ∆vGl.

An ideal HOHMANN transfer to the Moon requires a ∆v of 3.9 km/s [80]. In our case
constant thrust is applied during the spiral transfer and the flight path angle is per orbit
only briefly equal to zero. Therefore, a spiral transfer is from the ∆v point of view very
inefficient and results in high gravity losses.

1In some cases a bi-elliptic transfer is more efficient than a HOHMANN transfer [4].



4. Mission Analysis 16

∆v1

∆v2

Initial

Transfer

Final

Figure 4.3.: Illustration of an ideal Hohmann transfer [4].

A launch from Cape Canaveral would result in a inclination of 28.5◦. The Moon has an
inclined orbit of 5.1◦ towards the ecliptic, while the Earth’s equator is 23.5◦ inclined to
the ecliptic. This configuration results in a Moon inclination between 18.3◦ and 28.6◦

with respect to the Earth, because the longitude of the ascending node and therefore
the Moon’s plane is changing over time. The period for this periodic movement is 18.6
years, meaning that with the right timing no inclination change is required. The maxi-
mum declination of the Moon is again reached in April 2025. This phenomenon is called
the ’major lunar standstill’ [45]. In case the mission is performed in this time period,
no inclination and longitude of the ascending node change would be required neither
by the solar electric stage nor by the launcher upper stage. Therefore it is assumed
that the stage is spiraling in a two dimensional plane to the Moon and that neither the
inclination nor the longitude of the ascending node of the stage need to be changed.

At this moment no reliable analytical solutions exists to solve a spiral transfer. There-
fore, a program within the SCILAB environment is written, which solves the equations
of motion numerically in order to reach an end-orbit with certain desired conditions.
The program is based upon the following assumptions:

• The Earth and Moon are considered to be point masses

• The Earth and Moon stay at the same distance from each other.

• The Lunar sphere of influence is a perfect sphere.

• The problem is a two-body problem, meaning that first the spacecraft spirals in
the Earth system up to the lunar sphere of influence and then spirals within the
Moon system. No third-body perturbations are considered.

• Other perturbations, like solar radiation pressure and atmospheric drag, are not
considered.



4. Mission Analysis 17

• The Moon is present when the spacecraft arrives at lunar sphere of influence ra-
dius.

• The Moon and the SEP stage are situated in the same orbital plane, i.e. they have
the same inclination and longitude of the ascending node.

The SPIRAL PROGRAM is further elaborated in the next sections.

4.1.1. Equations of Motion

For the Earth and the Moon an inertial reference frame is selected. This means that
the rotation of the Earth around the Sun and the resulting Coriolis force is neglected.
The spacecraft is moving in these two reference frames, of which the velocity, v̄, flight
path angle, φ , radius, r̄ and true anomaly, ν , are changing over time. This change is
formulated within the equations of motion, which are taken from reference [9] and are
given in the Local Vertical Local Horizontal (LVLH) reference frame. Within this frame
the spacecraft’s center of mass is the origin, the x-axis is perpendicular to the radius
vector (local horizon) and in the direction of the velocity, the z-axis (local vertical) is
perpendicular to the x-axis and the y-axis is perpendicular to the xz-plane. The time
derivative of the velocity, v̇, in the LVLH reference frame is depending on the thrust F,
mass of the stage mSEP, thrust angle θ , standard gravitational parameter µ , radius to
the object r and the flight path angle φ :

v̇ =
F

mSEP
cosθ − µ

r2 sinφ . (4.1)

The variation of the flight path angle with time is calculated with:

φ̇ =
1
v

[
F

mSEP
sinθ −

(
µ

r2 −
v2

r

)
cosφ

]
. (4.2)

The thrust angle within these two equations is used to define the direction of thrust. In
general there are two possibilities:

• Spiral up: thrust angle of 0◦.

• Spiral down: thrust angle of 180◦.

The radius changes with the direction and magnitude of the velocity vector:

ṙ = vsinφ . (4.3)

The propellant mass has to be computed, which is the change in mass integrated over
time:

ṁ =− F
ce
. (4.4)
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Where ce is the characteristic velocity, which is equal to the specific impulse, Isp, times
the standard gravity, g0. This forms the set of ordinary differential equations which are
necessary to determine the motion of the spacecraft in the LVLH reference frame. To
determine the position of the spacecraft in the inertial reference frame, it is convenient
to calculate the position angle for every time step:

ψ̇ =
vcosφ

r
. (4.5)

The integration of this rotational angle is the position angle with respect to the start of
the maneuver. Note that this angle is not the true anomaly. The state vector is then:

ū =



v̄

φ

r̄

m

ψ


. (4.6)

And the set of ordinary differential equations which are used to solve the state vector:

˙̄u =



˙̄v

φ̇

˙̄r

ṁ

ψ̇


.=



F
mSEP

cosθ − µ

r2 sinφ

1
v

[
F

mSEP
sinθ −

(
µ

r2 − v2

r

)
cosφ

]
vsinφ

− F
ce

vcosφ

r


(4.7)

These equations are applied in a propagator within the SPIRAL PROGRAM, which cal-
culates for every time step the new velocity, flight path angle, position and mass of
the spacecraft, such that the spiral transfer within the Earth and Moon system can be
simulated.

4.1.2. Conditions at Lunar Sphere Of Influence

When the spacecraft reaches the lunar sphere of influence, a switch to the Moon system
has to be made. To change the coordinates from the Earth system to the Moon system,
a method is used from reference [8]. When the spacecraft reaches the lunar sphere
of influence, the Moon is considered to be the central body. Hence, there has to be a
method to calculate the new velocity, flight path angle and position in the Moon system,
which is described in this section.

The sphere of influence of the Moon, rsoi, is depending on the mass ratio of the Earth
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and the Moon and is calculated by using the definition of LAPLACE [8]:

rsoi = D
(

mM

mE

)2/5

. (4.8)

Where D is the distance from the Earth to the Moon, with a mean value of 384,399 km.
When the spacecraft enters the lunar sphere of influence, the Moon is considered to be
the central body. To go from the Earth- to the Moon-system, the speed and direction of
the spacecraft relative to the center of the Moon has to be derived in the so-called ’Patch
Point’. The patch point conditions can be seen in figure 4.4.

λ1

Moon

v̄1

−v̄M

v̄2
φ1− γ1

rsoi
γ1

to
Earth

Earth
to

φ1

γ1

ε2

D

r1

Figure 4.4.: Illustration of the patch point conditions [8].

The angle λ1 in figure 4.4 specifies the point at which the geocentric trajectory crosses
the lunar sphere of influence and is called the patch point angle. The value of λ1 is
set such that the spacecraft enters a bound orbit around the Moon. Negative λ -values
results in a positive orbital energy of the spacecraft. Meaning that the spacecraft is
unbound and performs a gravity assist, since it is accelerated by the Moon’s velocity
vector. For λ between 90 and 180◦, the probability of overshooting the Moon system
is increased and also a higher propellant mass is required. This shows that the patch
point angle has to be in between 0 and 90◦.

The radius to which the spacecraft has to travel within the Earth system, r1, can be
calculated by using the law of cosines:
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r1 =
√

D2 + r2
soi−2Drsoi cosλ1. (4.9)

The propagator integrates the equations of motion until r1 is reached. From the law of
sines the angle between r1 and the distance D, γ1, can be determined:

sinγ1 =
rsoi

r1
sinλ1. (4.10)

The speed of the Moon relative to the center of the Earth is equal to 1.018 km/s. The
new speed when the lunar sphere of influence is entered, v2, can be obtained using the
law of cosines:

v2 =
√

v2
1 +v2

M−2v1vM cos(φ1− γ1). (4.11)

The angle, ε2 is needed to obtain the direction of the new velocity vector relative to the
Moon’s center. Equating the components of v2 perpendicular to rsoi results in:

v2 sinε2 = vM cosλ1−v1 cos(λ1 + γ1−φ1). (4.12)

Solving for ε2 gives:

ε2 = sin−1
[

vM

v2
cosλ1−

v1

v2
cos(λ1 + γ1−φ1)

]
. (4.13)

The new flight path angle, φ2, in the Moon system is now:

φ2 = ε2−90◦. (4.14)

The new flight path angle and velocity within the Moon system can be inserted into
the equations of motion as initial conditions. From here on, the numerical integration
within the Moon system can be executed until the targeted Low Lunar Orbit is reached.

For a return from the Moon to the Earth system, the same approach is used and a λ

angle must be chosen. When λ is in between 0 and 90◦, the resulting flight path angle
in the Earth system is positive, meaning that the stage is moving towards the apogee
and therefore going into a undesired higher orbit. In case the angle is in between 0 and
-90◦ (opposite direction as in figure 4.4), the resulting flight path angle is negative and
the stage is moving towards a lower orbit. This is obviously the most desired case and
therefore the conditions change to the one seen in figure 4.5. In here the subscript 1 is
defining the velocity vector and flight path angle with respect to the Earth system, the
subscript 2 is defining them with respect to the Moon system. For calculating r1 and
γ1 the formulas 4.9 and 4.10 can be used respectively. The formula for calculating the
velocity in the Earth system becomes:
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v1 =
√

v2
2 +v2

M−2v2vM cos(−λ1−φ2). (4.15)

And the new flight path angle in the Earth system is calculated by:

φ1 = sin−1
[

vM

v1
sinγ1−

v2

v1
sin(λ1 + γ1 +φ2)

]
. (4.16)

Now the new state within the Earth system is known and the numerical integration can
be performed to spiral down to a predefined Earth orbit.
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Figure 4.5.: Illustration of the patch point conditions when going back to the Earth
system.

4.1.3. Model of the Earth and Moon shadow

During eclipse time, the thrusters will not be operated, simply because the mass of
an energy storage system (batteries, fuel cells, etc.) is too demanding to supply this
amount of power. The consequence of not applying thrust in eclipse is that it gives an
impact on the trajectory and on the mission time.

The required power level of the SEP-stage is so high, that batteries can not be included
into the design without exceeding the mass budget. As a consequence no thrust is ap-
plied when the satellite is in eclipse, which has an impact on the trajectory and mission
time. Therefore, it is included within the propagator of the simulation.

The shadow is assumed to be positioned in a straight line behind the Earth and the
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Moon respectively, see figure 4.6. It has to be noted that this model, though sufficient
for our purposes, is certainly a simplification of the real circumstances. In reality, two
shadow regimes will be present; penumbra and umbra.

The rotation speed of the planets determine the propagation of the shadow. The rotation
of the Earth around the Sun and the Moon around the Earth equals [8]:

ωE = 1.991 ·10−7rad/s (4.17)

ωM = 2.6459 ·10−6rad/s (4.18)

r d
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Figure 4.6.: Illustration of the Earth’s shadow.

The Moon’s reference frame is chosen to be a inertial (non-rotating) reference frame.
This means that the shadow of the Moon is at exactly the same angle as the Earth’s
shadow and the shadow’s rotation equals the Earth’s rotation:

ωM−shadow = ωE−shadow = 1.991 ·10−7rad/s (4.19)

In the simulation an angle, ζ , is defined which moves with the time integral of the
angular velocity ωM−shadow. A second angle, σ , is defined, which is the angle between
the true anomaly and ζ . The distance of the spacecraft to the center of the shadow can
be calculated by using basic geometry:

d = rsinσ (4.20)

Now two conditions have to be fulfilled to test if the spacecraft is within the shadow.
First the distance d has to be smaller than the radius of the Earth and secondly the
distance e has to be positive. When both conditions are true, the spacecraft is in the
shadow and the thrust is set to zero. At the point where the stage is moving out of the
shadow, the thrust is set to its initial value.
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4.1.4. Spiral Program

With all the information from the preceding sections, section 4.1.1 to 4.1.3, the SPIRAL

PROGRAM can be made inside the SCILAB environment. The structure of this program
is displayed in multiple flow charts. In figure 4.7 the flow chart of the main routine,
called RUN.sce, can be found.

Read input 
parameters (ha, hp, 

F, Isp, M0, Mp, 
Mpayload, eclipse, Δt, 
ht, λ1, λ2,  goback)

Go back to Earth 
environment?

Output 
including all 

results

No

Yes

Read results 
(v, φ, r, m, ν, 
β, e, a, t, mp, 

Δv)

Read results 
(v, φ, r, m, ν, 
β, e, a, t, mp, 

Δv)

Read results 
(v, φ, r, m, ν, 
β, e, a, t, mp, 

Δv)

Function

Spiral Earth Up

Function

Spiral Moon Down

Function

Spiral Moon Up

Function

Spiral Earth Down

Figure 4.7.: Flow Chart of RUN.sce which is the main file of the program.

The main routine requires input parameters in order to run. Then it calls multiple sub-
routines, which are functions, to simulate the transfer of the spacecraft. The flowcharts
of these functions are displayed in the figures 4.8 to 4.11. Between the four functions,
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there are not many differences. The main differences are the loop conditions and the
initial calculations when going from the Earth reference frame to the Moon reference
frame and vice versa.
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mass is too 
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Write results 
in file (t, r, ν, e, 

a, v, φ, m)

Generate plots 
(polar plot, e, 

a)

Figure 4.8.: Flow Chart of the function ’Spiral Earth Up’.

The initial eccentricity for the two spiraling down functions, figure 4.9 and 4.11, is very
high and a strategy has to be chosen to cancel it out. Within these functions the orbit is
lowered by applying a thrust direction opposite to the flight direction. The eccentricity
is canceled out by not giving thrust when the radius is larger than the semi-major axis,
thus in the apogee region. It is damped out to a value of 0.1, which is sufficient for the
preliminary analysis.
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Orbit Propagator
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Figure 4.9.: Flow Chart of the function ’Spiral Moon Down’.

The equations of motion are also stored into one function, which is called by the main
four functions when they perform the integration. No flowchart of this function is
given, since it is very straightforward and only contains the equations of motion. The
numerical integration is performed by the RUNGE-KUTTA-FEHLBERG method of order
4 and 5 is used, which is present within the SCILAB library.

Another simplification is the fact that continuous thrust is applied when the spacecraft
is in the true anomaly region of 90◦ and 270◦. In this area not all the energy is used in an
efficient way, since an orbit is most efficiently raised when firing in an apogee and/or
perigee. The energy inserted into the orbit near the semi-minor axis will be ‘dissipated’
into changing the argument of perigee, which is for a true anomaly of 0 to 180◦ larger
than zero and for 180 to 360◦ smaller than zero. The sum after one orbit would equal to
zero in case no eclipse is present. Since in this case an eclipse is present, there would be
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a small change in the argument of perigee.
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Figure 4.10.: Flow Chart of the function ’Spiral Moon Up’.

The method that is presented here is not sufficient for a complete detailed trajectory
analysis, but it is perfectly sufficient for a first mission analysis to have a good initial ∆v
calculation (including gravity losses) and to have an indication of the mission time.
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Figure 4.11.: Flow Chart of the function ’Spiral Earth Down’.

4.1.5. Patch point angle selection

The patch point angle specifies the point at which the geocentric trajectory crosses the
lunar sphere of influence, see figure 4.4. As discussed in section 4.1.2, the angle has to
be in between 0 and 90◦. However, the program demonstrated that in many cases the
velocity of the spacecraft at the patch point relative to the Moon was positive, meaning
that the spacecraft is actually moving away from the lunar sphere of influence. How-
ever, in case the simulation would be propagated (with no thrust) and the spacecraft
passes the Earth-Moon distance, the spacecraft will be slower than the Moon and can
enter the sphere of influence from a patch point angle in between 90 and 180◦. The last
approach is more realistic, but from an energetic point of view does not differ from the
first approach. Therefore, this is in the current design phase not considered to be of
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major importance. Proper mission analysis in later design phases has to guarantee that
the spacecraft can be overtaken by the lunar sphere of influence.

The patch point angle is set within the SPIRAL PROGRAM and has an impact on the
outcome. This impact is evaluated by running multiple simulations for different initial
accelerations:

• Initial mass: 49,613 kg

• Initial orbit: 500 x 500 km

• Time interval: 200 s

• Specific Impulse: 2800 s

• Eclipse: yes (Initial ζ : 180◦)

• Initial thrust-to-mass ratios: 3.2 ·10−4, 4 ·10−4, 6.5 ·10−4 and 1 ·10−3 m/s2

The simulations are performed for λ1-values in between 10 and 80◦. The resulting pro-
pellant mass, ∆v and transfer time duration for one acceleration of 4 · 10−4 m/s2, can
be found in table 4.1. The table shows that for different λ -values, different propellant
masses and transfer time durations are obtained. It demonstrates that the conditions at
the patch point determine how much extra propellant and time is required to obtain a
LLO with an eccentricity of 0.1.

λ1 (
◦) Mp (kg) ∆V (m/s) t (days)

10 12075.2 7658.3 252.6

20 12141.3 7706.7 245.9

30 12172.2 7729.4 242.2

40 12180.2 7735.3 242.1

50 12180.6 7735.6 243.1

60 12182.6 7737.0 244.8

70 12194.6 7745.8 245.0

80 12208.2 7755.8 245.5

Table 4.1.: Impact of different λ -values on results, having an initial acceleration of
4 ·10−4 m/s2.

The outcomes for the different initial accelerations are shown in figure 4.12. The largest
deviation can be found for an initial acceleration of 6.5 ·10−4 m/s2, which is 248m/s, cor-
responding to 3.3%. This is considered to be negligible for the current mission analysis.

For future simulations it is desired to fix the patch point angle, such that the optimum
or conservative value does not have to be found for every simulation. At this point
in the design phase it is chosen to have a conservative patch point angle of 30◦. As a
consequence, a slightly different initial acceleration can result in a different ∆v outcome,
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within a range of ±300m/s.
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Figure 4.12.: Influence of patch point angle on ∆v for different initial accelerations

4.1.6. Validation and Results

The program needs to be validated in order to conclude that it is giving reasonable
results. This is done in a number of consecutive steps. First a closer look at the behavior
of the keplerian parameters is taken. This is done by identifying five comparison cases
and compare their simulations to each other and to analytical formulas. The outline of
this comparison can be found in appendix A.1 and shows that the code is behaving as
expected.

The code is now validated by comparing the outcomes to simulations performed by
the General Mission Analysis Tool (GMAT) from NASA. The comparison between the
planetary systems is done consecutively. First, the outcomes within the Earth system
and Moon system are compared. Then a complete transfer from the Earth to the Moon
is simulated and compared.

For the simulations within GMAT the normal Earth gravity model is used and the prob-
lem is calculated as a two-body problem. It also has to be noted that within GMAT it is
not possible to have no thrust when the spacecraft is in eclipse, or this should be pro-
grammed by the user itself. However, GMAT is only used for validation purposes and
therefore both programs are configured to have no eclipse. In this way both programs
can be compared and the SPIRAL PROGRAM validated.

The first simulation cases within the Earth system are defined and can be seen in table
4.2. Case one is a simulation from an LEO orbit (500×500km) to a GEO orbit (35,786×
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35,786km) and the second case spirals form LEO up to 300,000km.

Variable Case 1 Case 2

Target height (km) 35,786 300,000

Initial mass (kg) 50,000

Initial height (km) 500x500

Thrust (N) 20

Specific impulse (s) 2800

Table 4.2.: Test cases for comparison of the SPIRAL PROGRAM to GMAT within the
Earth system.

The results of the different simulations can be seen in table 4.3. For all simulations
the spacecraft applies thrust until it reaches the target height. The outcomes are very
similar and demonstrate the validity of the code within the Earth system.

Case1 Case 2

Variable GMAT Spiral Program ∆ (%) GMAT Spiral Program ∆ (%)

mprop (kg) 7622.7 7623.2 0.007 10,546.6 10,547.2 0.006

∆v (m/s) 4541.93 4542.29 0.008 6505.0 6505.5 0.008

e (−) 0.004 0.004 0 0.2175 0.2177 0.09

a (km) 42,137 42,160 0.05 331,837 331,856 0.006

t (days) 121.2 121.1 0 167.6 167.6 0

Table 4.3.: Simulation results within the Earth system.

Secondly, a simulation case within the Moon system is defined, which can be seen in
table 4.4. It is chosen to spiral down from the lunar sphere of influence to a low lunar
orbit. The end condition in both programs is such that the simulation is ended when a
semi-major axis of 1847km is reached and the eccentricity is below 0.1. The results for
these simulations can be seen in table 4.5 and show again very similar outcomes.

Variable Case 1

Initial mass (kg) 50,000

Initial height (km) 66,183

Initial eccentricity (−) 0.8

Thrust (N) 20

Specific impulse (s) 2800

Target semi-major axis (km) 1847

Table 4.4.: Test cases for comparison within the Moon system
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Variable GMAT Spiral Program ∆ (%)

Propellant mass (kg) 1916.6 1915.0 0.08

∆V-budget (m/s) 1073.25 1072.35 0.08

Eccentricity (−) 0.10 0.10 0

Semi-major axis (km) 1844.2 1846.9 0.1

Time (days) 64.0 64.0 0

Table 4.5.: Simulation results within the Moon system.

After the validation within the Earth and Moon system, a complete simulation from
the Earth system to LLO is performed. Note that the initial height indicated here, is
not equal to the final selected LEO. The simulation case is shown in table 4.6. Within
these simulations, GMAT is configured such that the problem is handled as a two body
problem, which is the same as for the SPIRAL PROGRAM. The simulation is slightly
different within the Earth system compared to the SPIRAL PROGRAM; it is set such that
the spacecraft is not firing anymore after a radius of 280,000km.

Variable Case 1

Initial mass (kg) 50,000

Initial height (km) 6,000x6,000

Thrust (N) 20

Specific impulse (s) 2800

Target Lunar height (km) 100

Table 4.6.: Test case for the total transfer from Earth to Moon.

The results for these simulations within GMAT, with different starting dates, can be
seen in table 4.7. They show that a slightly different start date determines how the
spacecraft is captured by the Moon and therefore gives completely different outcomes.
Outside the specified date range, the spacecraft was not captured by the Moon. As
discussed in section 4.1.2 it is very inefficient to approach the Moon from the backside,
since then actually a swing-by is performed and a lot of extra ∆v is required to reach
a bound lunar orbit. The fact that this can not be controlled within GMAT results in
very diverse ∆v outcomes depending on the epoch date. For example, a difference of
1.5days, results in a propellant mass variation of 15%.

The same simulation is run within the SPIRAL PROGRAM for different λ1-values (see
table 4.8). This table shows that concerning the propellant mass, ∆v-values and transfer
time the results overlap each other and are in the same order of magnitude. There
are however differences, especially for the transfer time, which can be explained by
lack of control within GMAT. In GMAT the transfer is depending on the epoch date,
while in the SPIRAL PROGRAM the transfer can be controlled by setting a predefined
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λ1-value. Actually, within GMAT it is extremely difficult to find out how and at which
point the spacecraft is entering the Moon system and requires a user very familiar with
GMAT. Therefore, concerning the transfer time, the outcomes of the SPIRAL PROGRAM

are considered to be more optimized and selected for the mission analysis.

Date (MJD) mprop(kg) ∆v(m/s) r(km) e(−) a(km) t(days)

27707.43 10154.1 6233.2 1835.2 0.1 2037.7 224.8

27707.63 10157.1 6235.3 1837.2 0.1 1962.4 220.7

27707.83 10448.3 6436.7 1822.1 0.1 1953.6 225.8

27708.03 10742.5 6641.7 1815.1 0.1 2017.3 229.2

27708.23 10537.1 6498.4 1819.6 0.1 1958.7 221.4

27708.63 10127.9 6215.2 1838.1 0.008 1823.5 217.3

27708.68 9714.4 5931.9 1834.5 0.1 2038.2 224.1

27708.73 9163.9 5559.2 1798.2 0.4 2830.9 212.1

27708.83 8880.0 5368.9 1409.5 0.7 3604 209.6

Table 4.7.: Results of multiple simulations within GMAT.

λ1 (
◦) mprop(kg) ∆v(m/s) r(km) e(−) a(km) t(days)

0 9106.9 5520.9 1836.3 0.1 2037.8 185.8

20 9445.6 5749.3 1831.5 0.1 2032.5 162.9

30 9455.4 5755.9 1837.1 0.1 2036.7 162.8

40 9436.9 5743.4 1834.6 0.1 2031.9 165.2

60 9350.2 5684.7 1836.2 0.1 2031.9 173.1

80 9338.3 5676.7 1836.2 0.1 2032.3 177.7

100 9479.7 5772.4 1836.7 0.1 2039.1 173.4

150 9610.8 5861.4 1834.5 0.1 2036.5 178.8

170 10455.3 6441.6 692.0 0.1 768.8 246.7

Table 4.8.: Results of multiple simulations for the Spiral Program.

GMAT also offers the possibility to run the simulations as a three-body problem, of
which the results can be seen in table 4.9. The results are in the same order of magnitude
as the two-body simulations and show again a very high dependency on the epoch date.

These control problems of entering into the lunar sphere of influence were also one of
the main reasons to develop an own program, since it is independent and therefore
easier to manipulate. The validation showed that the program is suitable for a first
mission analysis and can be used in the rest of this study. However, in later design
phases more sophisticated software must be used to acquire a more detailed trajectory
analysis considering start and arrival date. From the comparison (see appendix A.1) it
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can also be concluded, that if the engines are not firing in the orbit’s apogee and it is
located in the Earth’s shadow, the orbit raising is more efficient from the energy point
of view compared to firing all the time. The only benefit of applying continuous thrust
throughout the mission, is a reduction in the transfer time.

Date (MJD) mprop(kg) ∆v(m/s) r(km) e(−) a(km) t(days)

27707.63 9749.7 5955.9 1833.4 0.1 1956.1 215.9

27707.83 10007.8 6132.6 1824.0 0.1 1978.4 213.2

27708.03 10164.1 6240.1 1838.1 0.1 1979.9 213.6

27708.23 10249.6 6299.1 1832.9 0.1 1970.5 213.6

27708.43 9014.3 5458.8 1833.4 0.51 3121.2 203.1

Table 4.9.: Results of multiple simulations within GMAT by having a 3-body problem.

4.2. Mission Architecture

Before an orbit analysis can be performed, more information about the mission architec-
ture is required and in particular the specifications of the launch vehicles. The challenge
in designing the SEP stage is to fit the whole system into the launcher, hence not violat-
ing their mass and volume budget. The goal of this section is to find a suitable launcher
and an initial orbit, which fulfill the requirements.

4.2.1. Launcher & orbit discussion

For the mission it is required to use one super heavy lift launch vehicle to ultimately
bring 17ton of payload to the Moon. Currently, the Delta IV Heavy is the heaviest
launcher available, capable of launching 23ton in LEO [49]. This is not sufficient to
deliver the required payload and therefore future heavy lift launchers are considered.
At the present time there are two under development: SLS and Falcon Heavy (see table
4.10).

As stated, the SLS and Falcon Heavy are still in development, which means that limited
information is available and some estimations have to be made, e.g. on the fairing
dimensions. For SLS, the outer dimensions are 8.38× 27.25m, including the cone [47].
The inner dimensions of the payload fairing are at this point unknown. Therefore the
fairing is compared to an Ariane 5 long fairing and an envelope of 44cm at both sides
of the payload is approximated [48]. The length is estimated at 26.0m, so the inner
dimension are 7.5×26.0m.

The Falcon Heavy is based upon the Falcon 9 rocket and therefore the upper stage is
expected to be the same. This upper stage is restartable [51] and can deliver the payload
to a variety of orbits. However, for Falcon Heavy it is currently unknown how much
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payload it can deliver to different orbits. The SLS block 1 configuration has 1.5 stages
and thus no upper stage is present. Going to a different orbit than the parking orbit
comes in this configuration at a very high cost and is therefore undesirable. SLS block 2
has a planned restartable cryogenic upper stage and a payload mass of 120ton to LEO.
However, this program is currently barely funded and therefore it is questionable if this
configuration will ever be realized [47].

SLS Falcon Heavy

Payload mass to LEO (kg) 70,000 53,000

LEO Parking Orbit (km) 200x200 200x200

Payload mass to MEO (kg) N/A -

MEO Parking Orbit (km) N/A -

Payload mass to GTO (kg) N/A 12,000

GTO Parking Orbit (km) N/A 185x35,786a

Inner fairing diameter (m) 7.5a 4.6

Inner fairing height w/o cone (m) 16.5a 6.6

Inner fairing height with cone (m) 26.0a 11.4

Operational in 2017 in 2013
a: These values are based upon estimations and should be checked when more design

specifications become available.

Table 4.10.: Launchers and there specifications [47] [82].

From a mass point of view, it is expected that LEO is the optimum initial orbit. However,
there are multiple reasons to go to a higher orbit. Firstly, the atmospheric drag is high
at low altitudes and has to be considered. The influence can be determined with:

FD =
1
2

ρCDAv2. (4.21)

The formula shows the dependency of the drag upon the density ρ , of the atmosphere,
the drag coefficient CD, the frontal area A and the velocity of the spacecraft. The velocity
is calculated for a spacecraft in a circular orbit, by using the following formula:

vc =

√
µ

r
. (4.22)

When the whole stage is deployed, including solar arrays, the drag coefficient is ex-
tremely high. A first rough estimation of the total solar array area, is 2000m2, having
a drag coefficient of 4 [19]. Together with an atmospheric model from the European
Cooperation for Space Standardization [16], the drag force at different heights and so-
lar and geomagnetic activities can be calculated (see figure 4.13). The solar cycle is 11
years and the next solar maximum is expected for April 2022 [16], while the mission is
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planned for 2025, which means that the solar activity is in between the maximum and
minimum and is therefore considered to be moderate. The parking orbit for such an
solar activity shall at least be 250km to compensate for the drag force. This is under
the assumption that the stage can produce 20N of thrust from the moment the solar
arrays are deployed. However, in reality system check procedures are required before
the thrusters can be fired. During the time that no thrust can be applied, the stage will
loose height and in the worst case makes a reentry in the atmosphere. To prevent this
catastrophe, the stage needs to be clear of almost all drag, which is the case at a height
of 500km where the drag force is reduced to 0.20N for moderate solar activity.
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Figure 4.13.: Atmospheric drag of the SEP stage.

Nevertheless, the drag force still has an impact on the orbit, which has to be investi-
gated. For one orbit at 500km altitude the orbital period is 94.5min and the spacecraft is
27.9min in eclipse. The relative influence of the drag on the ∆v for one orbit is then:

∆vD

∆vSEP
=

FD
m ∆t

FSEP
m 0.7∆t

=
0.20

0.7 ·20
= 1.4 ·10−2 (4.23)

This influence of the drag is considered to be negligible, which is certainly the case when
the spacecrafts starts to spiral up to higher altitudes. Therefore this is not included in
the SPIRAL PROGRAM. Furthermore, the 500km orbit is considered to be a safe parking
orbit, which is required for array deployment and system checks.

The atmosphere also contains atomic oxygen, which is eroding the solar arrays. The
presence of atomic oxygen is decreasing with height and has an impact on the solar ar-
rays between the altitudes of 180 to 650km [96]. Another reason to go to a higher orbit
are the radiation belts. These belts cause degradation of the solar arrays, reducing their
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performance significantly. Especially the first Van Allen belt, which consists of high en-
ergy protons and is located between 700 and 10,000km, has a high impact on the solar
array performance. However, the SMART-1 mission experienced most of its degrada-
tion, of around 8%, in orbits below 6,000km. Above this altitude the degradation was
negligible [1]. Therefore, initial orbits of 6,000km and 10,000km are also considered.

A fourth reason to go to a higher initial orbit is the mission time. The lower the orbit the
deeper the spacecraft is inside the potential well of the Earth. Spiraling up from LEO
therefore requires much more time compared to an initial MEO orbit.

These reasons show the need for a higher initial orbit. As discussed earlier, SLS is not
capable of bringing the payload to a higher orbit and for Falcon Heavy the performance
at higher altitudes is unknown. To identify how much extra mass is required to bring
the SEP stage to a higher orbit, a kick stage is introduced. In the end, this kick stage
might not be needed, since the launcher can bring us to this higher altitude.

4.2.2. Impact of a kick stage on launcher payload mass

The main reason to introduce a kick stage is to identify how much extra mass is required
if one of the two launchers, SLS or Falcon Heavy, brings us to a higher orbit. For SLS
this kick stage might in fact be necessary, since it does not have an upper stage of its
own. However, this can not be decided currently, since there are too many uncertainties
in the launcher specifications.

For a kick stage three options are possible concerning liquid propellants: mono-, storable
and cryogenic propellant. The performance of a monopropellant kick stage is very low
and would result in a too conservative estimate. A cryogenic stage is very efficient from
the mass point of view, which could result in a too optimistic mass estimate. Also, in
case the cryogenic stage is really developed it would take more development time, be
much more expensive and would require a lot more volume compared to a storable
propellant kick stage. Therefore, a simple and cheap storable propellant kick stage is
chosen, which results in a conservative mass estimate of the launcher performance loss.
This kick stage is based upon the Ariane 5 EPS, which uses the Aestus engine, has
N2O4/MNH as fuel and delivers 28.4kN of thrust with an Isp of 320s.

To determine the ∆v and corresponding propellant mass of the kick stage, a tool is used
which has been developed in the frame of a chemical propulsion stage study at OHB
system [2]. The tool calculates the transfer by applying two impulse maneuvers and
includes the gravity losses. The initial orbit is 200km and the target orbits are 500km,
6,000km and 10,000km. The resulting ∆v can be converted into the propellant mass by
using TSIOLKOVSKY’s equation [1]:

mprop = m0

(
1− e

−∆v
ce

)
. (4.24)
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Where ce is the characteristic velocity, which is a function of the specific impulse, Isp,
and standard gravity, g0. The structural mass of the kick stage can be estimated by
using an empirical relation for bi-propellant stages, which gives the structural index as
a function of the total propellant mass [1]:

σ =
ms

mprop
= 2.0753m−0.2953

prop . (4.25)

With all the previous information, the mass of the different kick stages can be calculated
for the two different launchers (see table 4.11).

SLS Falcon Heavy

m0 (ton) 70.0 53.0

htarget (km) 500 6,000 10,000 500 6,000 10,000

∆v (m/s) 172 2,131 2,897 172 2,105 2,833

mprop (kg) 3,732 34,792 42,960 2,826 26,032 31,891

ms (kg) 683 3,292 3,819 561 2,683 3,096

mtotal (kg) 4,415 38,093 46,779 3,387 28,715 34,987

Table 4.11.: Different kick stage masses to go from an initial height of 200km to the
target height.

4.2.3. Launcher & orbit selection

Now that the launcher performance loss is estimated, consequently the initial mass
of the SEP-stage is known. This initial mass is inserted into the SPIRAL PROGRAM to
calculate the required propellant mass to go to LLO. The following assumptions are
made to determine a payload mass:

• The initial acceleration of the SEP stage is 4 ·10−4 m/s2.

• The subsystems mass of an SEP stage is 22% of the initial mass. This figure is
based upon information provided in chapter 3.

With these assumptions the payload mass can be estimated for the different initial orbits
and launchers (see table 4.12). These results are plotted for the SLS launcher in figure
4.14 and for Falcon Heavy in figure 4.15. From the results it can be concluded that, from
a mass point of view, a 500km orbit is the best orbit to enable the heaviest payload to
the Moon. Therefore, the requirement to deliver at least 17ton of payload to the Moon
is fulfilled by both launchers for an initial orbit of 500km. However, Falcon Heavy is
a commercial project and SLS a governmental project. Past experience shows that a
commercial project is much cheaper than a governmental one [10]. Also, for SLS it is
currently unknown if it can deliver a payload to a 500× 500km orbit. In conclusion,
Falcon Heavy is selected as the launcher of the SEP system.
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SLS Falcon Heavy

hinitial (km) 500 6,000 10,000 500 6,000 10,000

m0 (ton) 65.6 31.9 23.2 49.6 24.3 18.0

F/m0 (m/s2) 4 ·10−4 4 ·10−4 4 ·10−4 4 ·10−4 4 ·10−4 4 ·10−4

F (N) 26.2 12.8 9.3 19.8 9.7 7.2

msubsystems/m0 (−) 0.22 0.22 0.22 0.22 0.22 0.22

msubsystems (ton) 14.4 7.0 5.1 10.9 5.3 4.0

∆v (m/s) 7,668 5,799 4,992 7,605 5,800 4,992

mprop (ton) 16.0 6.1 3.9 12.0 4.6 3.9

tburn (hrs) 4,646 3,630 3,170 4,613 3,631 3,170

ttransfer (days) 249 187 177 254 187 177

mpayload (ton) 35.2 18.8 14.3 26.7 14.3 10.2

Table 4.12.: Results of how much payload the SEP stage can deliver to the Moon.
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Figure 4.14.: Kick stage, SEP stage and payload mass for different initial orbits by
using SLS as a launcher.

With the initial orbit and launcher known, a plot can be generated which displays the
initial acceleration as function of time and ∆v (see figure 4.16). The plot shows an irreg-
ular behavior considering the ∆v. This can be explained by the eclipse (see appendix
A.1) and the varying conditions at the patch point (see section 4.1.5). Both have an in-
fluence on the total outcome and therefore it is chosen to plot a trend line through the
outcomes.
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Figure 4.15.: Kick stage, SEP stage and payload mass for different initial orbits by
using Falcon Heavy as a launcher.
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Figure 4.16.: The time and ∆v as function of the initial acceleration for an Isp of 2,800s.

The transfer from the Earth to the Moon should be performed within 200days. This
means that the initial acceleration should be 5 · 10−4 m/s2 (see figure 4.16). This corre-
sponds to a thrust level of 25N for a 50ton SEP stage. The required ∆v to go from LEO to
LLO, is equal to 7733m/s. For the preliminary analysis, a margin of 10% is included on
the ∆v according to the margin philosophy of reference [75], resulting in 8507m/s. This
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initial ∆v is used for the preliminary analysis, in which the initial mass is obtained as
function of the specific impulse, to select an optimum specific impulse for the specified
mission.

4.2.4. End-of-Life procedures

When the SEP stage is nearing the end of its mission operations, procedures have to
be in place that follow End-Of-Life (EOL) regulations. The Inter-Agency Space Debris
Coordination Committee (IADC) set up guidelines for space debris related issues. The
purpose of the committee is to share space debris information with the ten involved
space agencies and to identify debris mitigation options. The guidelines for limiting
the generation of space debris are [52]:

• Limitation of debris released during normal operations.

• Minimisation of the potential for on-orbit break-ups.

• Post-mission disposal.

• Prevention of on-orbit collisions.

In the guideline [52] measures are given for post mission disposal. These measures
state that all energy stored on the spacecraft shall be eliminated, to reduce the chance of
break-up. These passivation measures include venting or burning of excess propellant,
discharging batteries and relieving pressure vessels.

Another guideline is to de-orbit the spacecraft for re-entry into the Earth’s atmosphere,
which eliminates the hazard it poses to other spacecrafts. If de-orbit is too costly for the
spacecraft, re-orbit should be applied to bring the stage to a disposal orbit were it poses
no threat to other missions.

For the SEP stage there are two possible locations where it can perform its last mission
operations: at a LEO of 500×500km or at a LLO of 100×100km. It is most logical that
the SEP stage would bring, for its last mission, the largest amount of payload possible
to LLO and perform there its EOL operations before disposal. A LLO of 100× 100km

is a frequently used orbit for lunar missions, therefore to pose no threat to future mis-
sions, the stage should be placed in a different orbit. However, there is no space debris
tracking system for the Moon, which means that the stage can not be tracked all the
time and could pose an unknown threat to other satellites. Therefore it is most logical
to de-orbit the SEP stage and let it impact on the Moon’s surface. A simulation with
the Spiral Program is performed for this de-orbit maneuver, for a 11ton stage with an
Isp of 2800s and thrust of 25N. The ∆v required to de-orbit the stage from LLO and let it
impact on the Moon, is only 32.3m/s, equivalent to 12.8kg of propellant.

The other possibility is that the SEP stage is in LEO when it is performing its last oper-
ations. In this case the orbit regulations of the Earth apply, which states that the LEO
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region, up to an altitude of 2000km, is protected to ensure their future use. The guide-
line states that the spacecraft should make a re-entry into the atmosphere within 25
years, although direct re-entry is preferred [52]. A direct re-entry can be accomplished
by bringing the spacecraft from a 500×500km orbit down to a 200×200km. From there
the atmospheric drag would cause the stage to make a direct re-entry (see section 4.2.1).
The same 11ton stage is considered, which results in a total ∆v of 124m/s for the de-orbit
maneuver (49.2kg of propellant).

Debris that survives and reaches the surface of the Earth should not pose a risk to people
or property, which can be accomplished by limiting the amount of surviving debris or
confining it to uninhabited regions, such as ocean areas. Also toxic substances or any
other environmental pollutants should be prevented or minimized from making a re-
entry.

As stated, the most logical choice to perform the EOL operations during the last mis-
sion, would be in LLO. Since there are still some uncertainties in the design, a margin of
100% on the required ∆v is taken, resulting in a ∆v of 64.6m/s that is needed to de-orbit
from LLO and impact on the Moon.

4.3. Preliminary Analysis

In this section a preliminary analysis is performed for the SEP stage. The first goal is to
achieve the optimum operation point, in terms of Isp, initial acceleration (total thrust)
and power, followed by an initial mass budget. The mass of the SEP stage is estimated
by using a model provided by JPL [32] and by estimates from literature. This mass
is obtained to show the feasibility of the mission and to obtain an optimum specific
impulse. Secondly, an analysis is performed on the fairing volume, resulting in an
initial volume budget. The volume budget is derived from the launcher fairing and is
considered to be critical, since the large solar arrays will require a substantial volume.

4.3.1. Initial Mass Budget

The preliminary analysis is based upon a method developed in the literature study [1]
and from reference [32]. The analysis results in the mass of the SEP stage as function of
the specific impulse. By choosing a specific impulse, a mass budget can be estimated
for the systems. The largest contributors to the stage mass are the propellant mass,
propulsion, thermal and power system mass.

The SEP stage transfers a payload from the initial 500× 500km LEO to a LLO of 100×
100km. The mission time for this transfer is 200 days. The corresponding ∆v can be
found in figure 4.16 and is 7733.3m/s. A margin of 10% is included on the ∆v, since the
design is in a preliminary phase, so the ∆v used to come to a propellant mass is equal
to 8506.6m/s.
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The power is generated by solar arrays. The current state of the art triple junction
Ga/As solar arrays have a specific power of up to 60W/kg (1AU). However, research
and development in this field is still ongoing and predicts that the highest achievable
specific power of triple junction GaAs solar arrays is 100W/kg [33]. Another possibility
is to select thin-film cells, which currently obtain in laboratories specific power levels
higher than 100W/kg [33]. In this analysis the future triple junction GaAs solar arrays
are considered (see table 4.13). During the power system design, a trade-off will be
performed on all the solar array technologies, which might result in the usage of a
different solar cell.

Solar array

Cell efficiency EOL (−) 0.249

Specific mass (kg/m2) 3.53

Specific Power (W/kg) 95.8

Table 4.13.: EOL characteristics of the triple junction GaAs solar arrays, as suggested
by OHB experts.

For the propulsion, the NASA-457M hall thruster is used for the preliminary analysis
[1]. This thruster can generate 2.5N of thrust at a power level of 50kW, total efficiency,
η , of 0.56 and an Isp of 2800s. The efficiency of a Hall thruster is expressed as the
kinetic thrust power (or jet power) as function of the input power. The jet power can be
rewritten into the mass flow, ṁ, and the characteristic velocity [7]:

η =
Pjet

Pin
=

ṁc2
e

2Pin
=

FIspg0

2Pin
. (4.26)

Rewriting this formula, the power required for the propulsion system is obtained:

P =
FIspg0

2η
. (4.27)

The mass of the propulsion system is depending on the total system input power Psys, of
which the thrusters demand by far the most power. Also the number of active thrusters,
Nac, and the number of redundant thruster strings, Nrd, have an impact on the mass.
Redundant thruster strings are used in the event of a failure. A robotic mission like
this is typically single-fault tolerant, therefore there is one redundant thruster string
(Nrd = 1). The number of active thrusters is determined by the total system input power
divided by the operating power level of a single thruster. The thruster mass scales
linearly with the power level [32]:

mthr = (Nac +Nrd)

(
2.4254

Psys

Nac

)
. (4.28)
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This is an empirical formula from JPL based upon EP missions and discussions with
manufacturers [32]. For the power system it is chosen to have a Direct Drive power
processing Unit (DDU), which directly transfers the power from the solar arrays to the
engine resulting in the lowest possible power loss. However, some losses will occur
between the solar array and the engine (SADM, cables, etc.), which is estimated at 5%.
The mass of the DDU is depending on the power level and described by [32]:

mDDU = (Nac +Nrd)

(
0.35

Psys

Nac
+1.9

)
. (4.29)

The cable mass off the high-voltage system can also be determined by this model and
is given by [32]:

mcab = (Nac +Nrd)

(
0.06778

Psys

Nac
+0.7301

)
. (4.30)

The Xenon feed system is consisting out of pressure regulators, flow control valves,
pressure transducers, thermocouples, latch valves, services valve, tubing, fittings, etc.
The mass of this system is estimated by [32]:

mXFS = (Nac +Nrd)3.2412+4.5189. (4.31)

The propellant mass is given by the rocket equation. The mass of the tanks is a fraction
of this mass [32]:

mtank = 0.04mp. (4.32)

The total mass of the propulsion system is then [32]:

mps = 1.26(mthr +mDDU +mcab +mXFS +mtank) . (4.33)

Where the fraction 1.26 is a structural fraction to account for elements necessary to
integrate the propulsion system into the spacecraft. The waste heat produced by the
engines and the power system needs to be rejected to space, which can be estimated by:

Qthermal = (1−ηEPS)PEPS. (4.34)

The heat is rejected by radiators of the thermal control system, of which the specific
mass is currently estimated at 25kg/kW [1]. The total structure mass, consists out of the
sum of the propulsion, thermal and solar array mass:

ms = mps +mthermal +msa. (4.35)
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The propellant mass, using equation 4.24, and structure mass can now be calculated as
a function of Isp (see figure 4.17). The sum of the propellant and structure mass, has a
mass optimum of 23.8ton at an Isp of 3,200s. However, the required power production
by the solar arrays is equal to 737kW, which is more than two times of the current state
of the art. Therefore it is chosen to go to a lower Isp of 2000s, at which the Hall thruster
can still be efficient. If an even lower Isp is selected, it will come at the cost of engine
efficiency and again a higher power would be required. For this new Isp of 2000s, the
total mass changes to 25.5ton, the required power to 461kW and the solar array area is
equal to 1363m2.

0

10

20

30

40

50

0 2000 4000 6000 8000 10000

M
as

s
in

to
n

Specific impulse in s

Propellant Structure Total

Figure 4.17.: The propellant, structure and total mass as function of specific impulse,
for a thrust of 25N and ∆v of 8507m/s.

Due to this new Isp, the transfer time and required ∆v change (see figure 4.18). It shows
that the required initial acceleration is decreased to a value of 4.8 ·10−4 m/s2, equivalent
to a thrust level of 24N. The resulting ∆v to go from LEO to LLO, including a 10%
margin [75], is equal to 8498m/s.

It is required that the SEP stage returns from LLO back to LEO to perform at least
one more mission. For this return a ∆v is needed, which is simulated in the SPIRAL

PROGRAM (see figure 4.19). The initial acceleration in this figure still corresponds to
the one given in LEO at the start of the mission and is thus the same as the initial
acceleration of figure 4.18. For the earlier specified initial acceleration of 4.8 ·10−4 m/s2,
a ∆v of 7395m/s is required to perform the transfer in a time of only 53days. A margin
of 10% is included for the design, resulting in a ∆v of 8134m/s.

The total mission duration to perform a complete transfer from LEO to LEO, is ap-
proximately 250days, in which the thrusters operate for a duration of 4658hrs. A mar-
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gin of 20% is included to cover for uncertainties and to include time for docking and
un-docking procedures, which means that the total transfer shall be performed within
300days and that the thrusters are designed to fire 5590hrs per mission.
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Figure 4.18.: The time and ∆v as function of the initial acceleration for an Isp of 2,000s.
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Figure 4.19.: The time and ∆v to return from LLO to LEO, as function of the initial
acceleration for an Isp of 2,000s.

For this chosen operation point a mass budget can be constructed by using the mass
relations and information from literature (see table 4.14). On the subsystems mass a
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margin of 20% is applied, which corresponds to the margin philosophy of ESA [75].
The mass for the Attitude and Orbit Control System (AOCS), On-Board Data Handling
(OBDH), Telemetry, Tracking and Command (TT&C) system and harness are estimates
coming from table 3.2 and literature [1]. A better estimate of these subsystems will be
determined in the design phase in chapter 5.

The stage shall be reusable and thus propellant is required to transfer the SEP stage
from LLO to LEO, which corresponds to 5,928kg. As a consequence, the payload mass
is reduced to 14.7ton and thus the payload requirement of 17ton is not met. However,
for the last mission this extra propellant is not needed and thus the payload mass can
be enlarged to 20.6ton. Therefore, for this launcher scenario, the payload requirement
is partially met from the mass point of view. It is expected that the volume budget will
have an impact on the mass budget, therefore an initial analysis on the volume budget
is required, before a final decision on the scenario can be made.

On the presented mass analysis, the impact of space radiation is not evaluated. It is
expected that the space radiation will enlarge our solar array area and mass. This is
further analyzed when the solar array technology is selected in the design phase and
the resulting radiation on the solar array is estimated (see section 4.4).

Subsystem Total mass (kg)

mpropulsion (kg) 2,702

mpower (kg) 4,811

mthermal (kg) 576

mAOCS (kg) 520 (TBD)

mOBDH (kg) 87 (TBD)

mTT&C (kg) 41 (TBD)

mharness (kg) 876 (TBD)

msubsystems (kg) 11,535 (20%)

mpayload (kg) 14,705

mdry (kg) 26,240

mprop,LEO−LLO (kg) 17,445

mprop,LLO−LEO (kg) 5,928

m0 (kg) 49,613

Table 4.14.: Resulting initial mass budget of an SEP stage with an thrust level of 24N,
Isp of 2000s and a margin of 20% on the subsystems mass.
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4.3.2. Initial Volume Budget

An initial analysis is performed to examine if the stage fits in the selected Falcon Heavy
fairing. The launcher is using the same fairing as the Falcon 9, while Falcon 9 is only
launching 13ton of payload into LEO. Obviously, this fairing is too small for 53ton and,
since SpaceX offers the possibility to adjust the fairing size [82], it is chosen to alter its di-
mensions to reasonable values. This is performed by comparing the fairing dimensions
of different launchers (see table 4.15). The usable volume of the fairing is estimated by
calculating the volume of the cylindrical section and by approximating the volume of
the conical section as a cone:

Vfairing = Vcylinder +Vcone = π

(
dinner

2

)2

lcylinder +
1
3

π

(
dinner

2

)2 (
ltotal− lcylinder

)
. (4.36)

For the comparison, a new parameter is introduced, called the fairing density, ρfairing,
which expresses the ratio between the payload mass, mpayload, and the available fairing
volume, Vfairing:

ρfairing =
mpayload

Vfairing
. (4.37)

The fairing density for the standard Falcon Heavy fairing is very high (see table 4.15),
which indicates that the fairing is relatively small. When adjusting the fairing size the
technical feasibility has to be taken into account. This would introduce complex calcu-
lations concerning aerodynamics and structural integrity, therefore it is chosen to make
a qualitative comparison to other launcher fairings to see what has been done so far (see
table 4.15).

SLS Falcon Heavy Delta IV Heavy Ariane 5-LF Atlas V-5m

mpayload (kg) 70,000 53,000 22,977 21,000 18,510

dinner (m) 7.5a 4.6 4.57 4.57 4.57

lcylinder (m) 16.5a 6.6 11.268 10.04 12.19

ltotal (m) 26.0a 11.4 15.995 15.6 16.49(
l
d

)
cylinder

2.2 1.4 2.5 2.2 2.7(
l
d

)
total

3.5 2.5 3.5 3.4 3.6

Vcylinder (m3) 728.9a 109.7 185 164.7 200.2

Vtotal (m3) 868.8a 136.3 210.9 193.9 223.7

ρfairing (kg/m3) 80.6 388.8 108.9 108.3 82.8
a: These values are based upon estimations and should be checked when more design specifications

become available.

Table 4.15.: Fairing specifications of multiple launchers [47] [82] [49] [48] [50].
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For adjusting the payload fairing of Falcon Heavy it would be convenient to adjust
the payload diameter, since it has a large impact on the total volume. However, the
diameter of the fairing can not be increased unlimited, since there are expansion waves
at the back of the fairing which causes high pressure variations at the fairing surface.
Therefore it is statistically researched what is currently feasible by taking the dfairing

dcore
-ratio

of other launchers. It turns out that Falcon Heavy, together with Atlas V, already have
the highest ratio (1.42 and 1.41 respectively). Therefore it is chosen not to extend the
diameter any further and fix the outer diameter at 5.2m and the inner usable diameter
at 4.6m.

The only possibility that remains to enlarge the fairing volume is to increase the length
of the fairing. Also this can not be performed unlimited, because the fairing endures,
among other things, bending moments. Therefore, it is again statistically researched
what is currently possible by having a look at the l

d -fractions for the cylindrical part
and the total length. Once more the Atlas V has the largest ratios, hence these ratios
are used for the adjustment of the Falcon Heavy fairing (see table 4.16). The resulting
fairing still has a relatively large fairing density compared to others, despite the fact
that it is made as large as what is currently assumed to be technical feasible. This is
very unfavorable for an SEP stage, where the EPS requires a substantial volume.

Falcon Heavy fairing

mpayload (kg) 53,000

douter (m) 5.2

dinner (m) 4.6(
l
d

)
cylinder

2.7(
l
d

)
total

3.6

lcylinder (m) 12.42

ltotal (m) 16.6

Vcylinder (m3) 206.4

Vtotal (m3) 229.6

ρfairing (kg/m3) 230.8

Table 4.16.: Adjusted fairing of the Falcon Heavy.

The resulting volume budget equals 229.6m3. One of the largest contributor to the vol-
ume budget, is the payload. The payload volume can be estimated by using the Auto-
mated Transfer Vehicle (ATV) as a reference (see table 4.17). The mass of the payload
is compared to the ATV mass and scaled by maintaining the same density. The first
payload requires a volume of in total 126.7m3, leaving 113.5m3 for the SEP stage. It is
expected that the SEP stage, together with the propellant, requires more volume than
the available volume. As a consequence, the payload mass will drop further below the
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required 17ton. Therefore, it is chosen to introduce two alternative mission scenarios:

• Launch the complete vehicle with SLS.

• Adopt a dual-launch scenario with Falcon Heavy, in which the SEP stage and
payload are launched separately.

In a single launch scenario with SLS, the 17ton payload will be mounted on top of
the SEP stage. During launch this payload will start to vibrate and, as a consequence,
the structure of the SEP stage needs to be strong enough to transfer these loads to the
adapter. Therefore, the SEP’s structure in this scenario will have a mass which is sig-
nificantly larger than in a dual launch scenario. Secondly, it is expected that two Falcon
Heavy launches are less expensive than one SLS launch [10] [34]. These structural and
economical reasons show that the dual-launch scenario with Falcon Heavy is preferred.

ATV Payload 1 Payload N (final mission)

mtotal (kg) 20,750 14,705 20,633

douter (m) 4.5 4.6 4.6

ltotal (m) 10.3 7.0 9.8

Vtotal (m3) 163.8 116.1 162.9

ρ (kg/m3) 126.7 126.7 126.7

Table 4.17.: Estimated payload dimensions using ATV as a reference [83].

The transition to a dual launch scenario changes the mission analysis drastically and
should therefore be revised. However, due to a chain of events, the mission analysis
was performed as presented. Especially, the discovery of the impact on the structure
mass in case the payload is placed on top of the stage (see chapter 5.5), drove the deci-
sion to select a dual-launch scenario. Because of time restrictions and the expectation
that another analysis will not affect the outcome, the mission analysis is not performed
allover again.

Due to the transition to a dual launch scenario, the volume and mass budget are dou-
bled. As a consequence, there is much more flexibility in the design variables. However,
due to the already very high power demand of 461kW, which is twice the state of the
art value, it is decided to make the mission reusable and keep the target payload mass
at 17ton. During the stage design phase, the sizing is performed such that this payload
requirement is met.

4.4. Environmental Factors

The Van Allen Belts will be passed multiple times during the transfers, as a consequence
the total radiation dose will be relatively high for such a relatively short mission. The
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most significant influence of space radiation is on the solar array efficiency and the
resulting loss in performance. Other subsystems can be designed to be radiation hard
by means of shielding and thus the radiation dose upon these subsystems is in the
current design phase not of interest.

For solar cells the total radiation dose is converted into a equivalent electron fluence2

(1MeV/cm2). These equivalent values can be used, in combination with a solar cell
datasheet, to estimate the cell performance at EOL and for different operating tempera-
tures. The equivalent electron fluence is determined by using SPENVIS, which is a tool
developed by ESA [96].

The tool has as shortcoming that not a complete trajectory can be imported. Instead,
the user can insert five trajectory segments with a maximum time duration of 30 days
per segment. Therefore, a segmentation has been applied, which is done for:

• Spiraling up in the Earth environment.

• Spiraling down and up again in the Moon environment.

• Spiraling down in the Earth environment.
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Figure 4.20.: Altitude of the spacecraft with respect to time for spiraling up within the
Earth environment.

The altitude of the spacecraft with respect to time is used to determine the segments.
For the Earth up simulation, two segmentations are applied to investigate the impact
of the segmentation on the end result (see figure 4.20 and table 4.18). A single segment
within SPENVIS can have a maximum simulation time of 30days, therefore a factor of

2In the equivalent electron fluence, all radiation components of the space environment are combined in a
single term of a selected mono-energetic particle, commonly the 1MeV electrons [46].
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two is applied between real time and the simulation time. This is corrected in the end,
by multiplying the total radiation dose by a factor of two. Also, the segments are de-
fined as ellipses, with a perigee height equal to the lower bound of the orbit and the
apogee height being the highest position in the specified period.

Segmentation 1

Orbit height (km) Real time (days) Simulation time (days)

500 - 3,467 0 - 52 26

3,467 - 18,601 52 - 96 22

18,601 - 51,508 96 - 122 13

51,508 - 142,032 122 - 142 10

142,032 - 322,404 142 - 152 5

Segmentation 2

Orbit height (km) Real time (days) Simulation time (days)

500 - 1,062 0 - 32 16

1,062 - 7,423 32 - 62 15

7,423 - 19,584 62 - 92 15

19,584 - 51,508 92 - 122 15

51,508 - 322,404 122 - 152 15

Table 4.18.: The two different orbit segmentations for spiraling up in the Earth
environment.

With the segmentation in place, all the other models within SPENVIS can be run. It
was advised by experts within OHB systems to use the standard models for all the
appropriate calculations. To obtain the equivalent radiation fluence, also the solar cell
shielding must be known. The solar cell can be shielded against space radiation by
using a cover glass. The cover glass is glued to the solar cell by an adhesive and finally
embedded on the flexible Kapton substrate. All these layers contribute to the protection
of the solar cell. The shielding in the SPENVIS environment is modeled with Aluminum
(ρAl = 2.2g/cm3) as shielding material. Therefore, all the layers of the solar cell have to
be translated into an aluminum equivalent shielding thickness tAl−equivalent, by using:

tAl−equivalent =
ρmaterial

ρAl
tmaterial. (4.38)

The complete solar cell is specified in section 5.4.7 and the resulting equivalent shield-
ing, which is inserted into SPENVIS, can be seen in table 4.19. For this shielding the
resulting radiation is computed by SPENVIS for all the different segments. As stated,
the end result of spiraling up in the Earth environment, is multiplied by two in order to
obtain the total accumulated radiation during the real transfer time. The end results of
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all the segmentations are expressed in the equivalent 1MeV electron fluence (see table
4.20). The difference between the results is approximately 30% and can be explained by
having different orbit segmentations with different Van Allen belt crossings.

Material Material Equivalent shielding

Shielding thickness (µm) density (g/cm3) thickness (µm)

Cover glass 250 2.605 296

Cover glass adhesive 20 1.080 10

Total front side shielding 306

Cover glass adhesive 20 1.080 10

Cover glass 250 2.605 296

Kapton substrate 25 1.42 16.1

Total rear side shielding 322.1

Table 4.19.: Equivalent shielding thickness of the solar cell.

This discrepancy between the two segmentations is too large and therefore it is chosen
to introduce a new segmentation with ten segments and thus the SPENVIS model will
be set up twice (see table 4.21). The boundaries of the segments are chosen such that
they coincide with the Van Allen belts, with the proton belt from 700 to 10,000km and
the electron belt from 13,000 to 65,000km.

Segmentation 1 Segmentation 2

Flux component Φ(I) Φ(V) Φ(I) Φ(V)

(MeV/cm2) (MeV/cm2) (MeV/cm2) (MeV/cm2)

Front side 1.401 ·1014 1.930 ·1014 2.046 ·1014 2.586 ·1014

Rear side 1.381 ·1014 1.906 ·1014 2.000 ·1014 2.538 ·1014

Total flux Earth up 2.782 ·1014 3.836 ·1014 4.046 ·1014 5.124 ·1014

Table 4.20.: Irradiation encountered when spiraling up in the Earth environment.

The results for the third segmentation (see table 4.22) shows an increase of the radiation
in comparison to the second segmentation. Interestingly, approximately 97% of this
segmentation’s radiation is encountered in the proton belt when spiraling in the Earth
environment. This segmentation has a higher resolution compared to the others and
therefore the end result is used to compute the total accumulated irradiation.

Another drawback of SPENVIS is, that no simulation can be performed in the Moon
environment. Therefore the radius is expressed with respect to the Earth, with two
segments for spiraling down and one for spiraling up (see table 4.23). The segmentation
for spiraling down in the Earth environment is defined such that segment two coincides
with the electron belt and segment four coincides with the proton belt (see table 4.23).
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Segmentation 3

Orbit height (km) Real time (days) Simulation time (days)

500 - 700 0 - 2.76 2.76

700 - 2616 2.76 - 23.81 21.05

2616 - 5411 23.81 - 44.83 21.02

5411 - 10,000 44.83 - 66.78 21.95

10,000 - 13,000 66.78 - 76.75 9.97

13,000 - 26,739 76.75 - 92.75 16

26,739 - 40,314 92.75 - 109.11 16.36

40,314 - 65,000 109.11 - 127.04 17.93

65,000 - 110,285 127.04 - 138.04 11

110,285 - 322,404 138.04 - 150.87 12.83

Table 4.21.: The third orbit segmentation for spiraling up in the Earth environment.

Segmentation 3

Flux component Φ(I) (MeV/cm2) Φ(V) (MeV/cm2)

Front side 2.590 ·1014 3.356 ·1014

Rear side 2.360 ·1014 3.062 ·1014

Total flux Earth up 4.950 ·1014 6.418 ·1014

Table 4.22.: Irradiation encountered for the third segmentation.

Segmentation Moon environment

Orbit height (km) Real time (days) Simulation time (days)

322,404 - 384,499 152 - 155.6 3.6

353,452 - 384,499 155.6 - 184.9 29.3

384,499 - 322,404 184.9 - 195.3 10.4

Segmentation Earth Down environment

Orbit height (km) Real time (days) Simulation time (days)

322,404 - 71,371 195.3 - 205.4 10.1

71,371 - 19,371 205.4 - 217.4 12

19,371 - 16,371 217.4-219.4 2

16,371 - 6,869 219.4 - 230.9 11.5

Table 4.23.: Orbit segmentation in the Moon environment and for spiraling down in
the Earth environment.

Due to the crossing of the Van Allen belts, the resulting radiation in the Moon environ-
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ment is more than a factor ten lower compared to the radiation obtained in the Earth
environment (see table 4.24).

Irradiation Moon

Flux component Φ(I) (MeV/cm2) Φ(V) (MeV/cm2)

Front side 2.453 ·1012 3.486 ·1012

Rear side 2.418 ·1012 3.446 ·1012

Total flux Moon 4.871 ·1012 6.932 ·1012

Irradiation Earth Down

Flux component Φ(I) (MeV/cm2) Φ(V) (MeV/cm2)

Front side 2.275 ·1013 2.810 ·1013

Rear side 2.226 ·1013 2.757 ·1013

Total flux Earth down 4.501 ·1013 5.567 ·1013

Table 4.24.: Irradiation encountered within the Moon environment and when
spiralling down the Earth environment.

The summation of all the irradiation in the different phases, results in an estimate on the
total encountered radiation (see table 4.25). These values are used to predict the impact
on the solar cell efficiency and size the solar array such that it produces the required
amount of power at EOL (see section 5.4.7).

Flux component Φ(I) (MeV/cm2) Φ(V) (MeV/cm2)

Total flux Earth up 4.950 ·1014 6.418 ·1014

Total flux Moon 4.871 ·1012 6.932 ·1012

Total flux Earth down 4.501 ·1013 5.567 ·1013

Total flux one transfer 5.449 ·1014 7.044 ·1014

Total flux three transfers 16.347 ·1014 21.132 ·1014

Table 4.25.: The total irradiation that the SEP stage endures during its lifetime.
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4.5. Mission Analysis Results

The results from the mission analysis that are of importance for the design phase, are
transformed into requirements (see table 4.26), flowed down from the original require-
ments of section 2.2. Also, the section where the requirement is acquired can be found
in the table. The complete requirement flow-down, including the design phase, can be
seen in appendix C.

Mission Requirement Created

1.1 The initial orbit within the Earth environment shall be a LEO of
500×500km.

Sec. 4.2.3

1.2 To transfer from LEO to LLO, a ∆v of 8498m/s shall be provided
by the engines.

Sec. 4.3.1

1.3 The initial acceleration in LEO shall be 4.8 ·10−4 m/s2. Sec. 4.3.1

2.1 To transfer from LLO to LEO, a ∆v of 8134m/s shall be provided
by the engines.

Sec. 4.3.1

2.2 The total transfer from LEO to LEO of a single mission shall be
performed within 300days.

Sec. 4.3.1

5.1 The transfer stage and cargo shall be launched by Falcon Heavy to
a 500×500km orbit.

Sec. 4.2.3

5.2 The transfer stage and cargo shall be launched separately. Sec. 4.3.2

7.1 During the last mission the SEP stage shall be disposed by de-
orbitting it from LLO to impact with the Moon’s surface, which
requires a ∆v of 64.6m/s.

Sec. 4.2.4

System Requirement Created

1.1 The solar arrays shall be sized to endure, during its lifetime, a total
current irradiation of 16.347 ·1014 MeV/cm2 and voltage irradiation
of 21.132 ·1014 MeV/cm2.

Sec. 4.4

2.1.1 The specific impulse of the engine shall be 2,000s. Sec. 4.3.1

2.1.2 The initial acceleration in LEO shall be 4.8 ·10−4 m/s2. Sec. 4.3.1

2.1.3 A single engine shall operate 5,590hrs per mission for at least two
missions with the potential of extension to three missions.

Sec. 4.3.1

3.5 The solar array shall fit inside the launcher fairing. Sec. 4.3.2

Table 4.26.: The mission and system requirements following from the mission analysis.
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5. Stage Design

The design of the Solar Electric Propulsion stage shows strong interdependencies be-
tween the Mission Analysis, Propulsion System and Electric Power System. The main
system design drivers for the SEP stage and their interdependencies, are represented in
figure 5.1. Note that the sketch is on top level, such that not all interdependencies and
design drivers are indicated. The design is directly driven by the mission requirements,
especially the transfer time and the initial acceleration have a significant impact on the
thrust, power, propellant and finally on the initial mass.

Transfer Time
LEO - LLO

Payload Mass
Electric 

Propulsion
Solar Cell Power 

Generation
Falcon Heavy 

Launcher

Initial Mass

Initial 
acceleration

Thrust

Power Architecture

Subsystems 
Mass 

Total Δv Propellant Mass

Mission Requirements

Specific Impulse

Figure 5.1.: Main system design drivers for the SEP stage.

To obtain a holistic and feasible design, the subsystems are designed by using well-
established design methods, in which conventional and new technologies are used. The
new technologies are especially applied in the two critical subsystems; the propulsion
and electric power system. Also, a margin philosophy is applied on component and on
system level. On system level, a margin of 20% is applied on the subsystems mass [75].
On component level, the magnitude of the margin depends on the heritage of the used
part and is divided into three categories [75]:

• 5% for Off-The-Shelf items.

• 10% for Off-The-Shelf items that require minor modifications.

• 20% for new designed or developed items, or items requiring major modifications
or re-design.

In this chapter, the decisions, models and tools, to come to the final design, are pre-
sented. The tools converge to the final design in an iterative manner by following an
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iteration methodology, as described in section 5.1. To reduce the number of design op-
tions, an initial trade-off is performed on the stage architecture, resulting in a system
baseline (section 5.2). Then, the Propulsion System will be designed and the power it
requires analyzed (section 5.3), followed by an extensive analysis of the Electric Power
System (section 5.4). The power system impacts the Configuration, Structures and
Mechanisms of the stage, which will be discussed in section 5.5, and produces excess
heat that needs to be rejected by the Thermal Control System (see section 5.6). Also,
the agility of the stage is analyzed, resulting in a design of the Attitude and Orbit Con-
trol System (section 5.7). Finally, conservative designs are presented for the Telemetry,
Tracking and Command and On-Board Data Handling systems (section 5.8). Per sub-
system, the requirements that drive the subsystem design, are listed at the beginning of
their sections.

5.1. Iteration Methodology
The tools that are developed in this chapter, converge to the final design in an iterative
manner by following an iteration methodology (see figure 5.2). Experience learns that
the mass budget of a phase 0 study has an accuracy of ±10%. Due to this accuracy,
it is chosen to apply iterations until the new initial mass budget is within 5% of the
previous initial mass budget. A change in initial mass has the highest impact on the
propulsion and EPS mass, followed by the structure and TCS. The initial acceleration,
specific impulse and required ∆v are kept constant, aswell as the AOCS, TT&C and
OBDH mass. Three iterations had to be applied before the new initial mass was within
5% of the previous initial mass. The values presented in this chapter are of the last
iteration step.
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Figure 5.2.: Methodology for applying iterations to the design.
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5.2. Stage Architecture Trade-off

For the SEP stage, three systems will drive the stage architecture: propulsion system,
electric power system and truss structures. Especially the Electric Power System (EPS)
is the driving factor for the configuration of the spacecraft due to the high power de-
mand. This calls for a thorough trade-off on the solar array, where future and conven-
tional technologies are considered to develop a reliable system which enables the stage
to meet the mission objectives. The identified possibilities for the system architecture
can be seen in the trade tree of figure 5.3, with a total number of possible system con-
figurations of 7,200. This number of possibilities is too extensive to cover in a thesis
and in order to make the trade-off feasible, a baseline is chosen through a qualitative
discussion in sections 5.2.1 to 5.2.4.
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Figure 5.3.: Trade Tree for System Architecture

5.2.1. System Arrangement

The arrangement of the subsystems can be divided into six segments: engines, truss,
avionics bay, payload, solar arrays and the tanks (see figure 5.4). The avionics bay
contains the Power Control and Distribution Unit (PCDU), On-Board Data Handling
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(OBDH) computer and Telemetry, Tracking & Command (TT&C) system. The main
criteria to exclude some configurations are the position of the center of mass, subsystem
dimensions, structural aspects and technological considerations.
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Figure 5.4.: Conceivable System Arrangements

It is required to make the stage reusable, which means that propellant is needed to
perform the mission multiple times. There are two ways to achieve this: by having the
complete propellant demand at the start of the mission or by refueling the stage once it
is back in LEO. The first option would results in a massive stage with more than 50 ton
of propellant, not mentioning the increase in power, propulsion and structural mass.
This results in an unrealistic stage which does not fit into the selected launcher. The
second option, to refuel the SEP stage, is more realistic. Refueling will take place when
the stage returns from one mission and is in LEO. Since also a payload has to launch and
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dock with the SEP stage, it is chosen to incorporate the fuel tanks within the payload,
such that only one extra launch is required to perform the mission another time. The
payload will be disconnected in LLO and therefore the stage itself also requires tanks
to return from the Moon to the Earth. Between these tanks there has to be a propellant
transfer system (see section 5.3).

From the mission analysis it was concluded to launch the SEP stage and payload sepa-
rately. The stage’s launcher adapter can therefore be at the engines side or at the avionic
bay side. During the launch it is preferred to have the center of mass placed as low as
possible in order to reduce the mechanical loads due to launcher vibrations (see sec-
tion 5.5.4). So it is advisable to have the heaviest subsystems as close to the adapter
as possible. For the SEP stage the propellant tanks and solar arrays are more massive
than the thrusters, thus it is chosen to have the adapter at the avionic bay or tank side.
The design phase shall point out how the tanks and avionic bay should be placed with
respect to each other.

In configuration (a) and (b), the engine thruster plume will cause degradation of the
solar arrays. This can be compensated by increasing the solar array size, but since the
solar array area is already critical, this is not desired. Therefore these two options are
not considered to be optimal.

Concerning the solar array wings, it is highly favorable to have two wings in order
to prevent shadowing. This poses technological challenges on the Solar Array Drive
Mechanism (SADM) and the solar array structure, which should therefore be studied in
more detail (see section 5.4.2 & 5.5.2). In configuration (a) to (d), the Solar Array Wings
(SAWs) are connected to the avionics bay and thus close to the PCDU system which
is beneficial for the spacecraft harness. In case a multiple of two SAWs are required,
configuration (a) to (d) become obsolete, since it is assumed that the avionic bay is not
long enough to support more than one SAW each side.

In configuration (e) and (f) the truss structure also enables the possibility to have a
multiple of two SAWs, in case it is not possible to have two SAWs. Configuration (e)
is preferred above (f) due to harness considerations, since the high power cables have
to run along the truss structure 1.5 times in configuration (f), compared to 0.5 times in
configuration (e). However, the supporting truss structure in both configurations must
be very stiff and therefore requires a relatively large mass. Thus, these configurations
are excluded from the baseline and only come into interest when more than two SAWs
are deemed necessary.

As stated, due to launcher volume limitations and center of mass considerations, the
truss structure should preferably be deployable after launch. The truss structure, as
placed in configuration (c) and (d), has as main purpose to ensure enough spacing be-
tween the solar array and the engines, which mitigates solar array degradation by the
electric thruster exhaust plume. In option (d), the combination of tanks and engines
results in a heavy tip mass and the load-carrying truss has to provide enough stiffness,
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which can result in a heavy truss and should therefore be investigated.

The engines are connected to the tanks by fuel lines. The longer the fuel lines, the higher
the pressure loss. However, for electric thrusters, a very high fuel pressure at the inlet
of the thruster is not desired and thus configuration (c), which has long fuel lines, is
not considered to impact the stage’s performance. In case a deployable truss structures
is used in configuration (c) or (d), flexible propellant lines are required. Flexible lines
are used frequently in space industry and therefore it is expected not to be highly prob-
lematic, although a significant development effort for flexible lines along a deployable
truss is foreseen.

This leaves configuration (c) and (d) as a baseline for the rest of the design phase. Also
the thermal control system is a driving factor for the SEP stage, since the system needs
to reject a large amount of waste heat. This is done by radiators, which are preferably
positioned close to the avionics bay and engines, perpendicular to the solar array plane.

5.2.2. Propulsion Type

For the electric propulsion of the stage, five possible thruster technologies are identified:

• Electrothermal thruster

• Ion thruster

• Hall thruster

• Magnetoplasmadynamic thruster

• VASIMR thruster

Another possible thruster technology would be the Highly Efficient Multistage Plasma
(HEMP) thruster, which is a new development within Europe. This new technology
has the potential to perform better than Hall thrusters, but is currently performing less.
The immaturity of the thruster and the fact that it is not considered to be scaled up for
operation at higher power levels in the near future, make it not suitable for the mission.

The mission analysis showed that a specific impulse of around 2,000s is required for
the engine. The various electric propulsion technologies have different points of oper-
ation, see figure 5.5. For the required specific impulse, the Hall thruster and Magneto-
plasmadynamic thruster are the main candidates. The Electrothermal and Ion thrusters
typically operate at a different specific impulse and thus can not be used for the mission.

Of the VASIMR thruster only a few designs were tested, which means that the technol-
ogy is still very immature and therefore it is not present in figure 5.5. The advantage of
this engine is the possibility to thrust over a wide specific impulse range. In the 2,000s

range, the engine’s performance is comparable to a conventional Hall thruster, while
having a much higher complexity and mass [1]. Thus, this engine is not considered for
the design phase.
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The Magnetoplasmadynamic thruster fulfills the requirement considering the specific
impulse. However, this type of thruster still has a very low lifetime of below 1,000hrs,
which is not sufficient to perform a whole mission.

Figure 5.5.: Typical operation regions of different electric thrusters [1].

A Hall thruster can operate at the required specific impulse of 2000s and has as ben-
efit of having a lower mass and volume compared to Ion thrusters. Compared to a
Magnetoplasmadynamic thruster, the advantage of a Hall thruster is the higher level of
maturity and therefore lower risk. In conclusion, the Hall thruster is chosen as baseline.

5.2.3. Solar Arrays & Power

For solar arrays there are two possible configurations: body-mounted or wing-mounted.
Due to the high power requirement, a body-mounted solar array is impossible, so only
wing-mounted arrays are considered. In case of a single wing-mounted array, the cen-
ter of mass of the spacecraft is not in line anymore with the engines and the rest of the
structure. Therefore, it is desirable to have a symmetric approach, in which the center
of mass is located in line with the thruster engines. So, for the number of solar array
wings, the one-wing possibility is not considered and only two or multiples of two in
a symmetric wing-mounted configuration are examined. As stated in section 5.2.1, two
solar array wings are preferred due to shadowing and is therefore chosen as a baseline.

The gimballing mechanism or Solar Array Drive Mechanism (SADM) is responsible for
transferring power from the solar array to the spacecraft and pointing the solar array
to the Sun. At least one gimbal is required to rotate the solar array in one axis and
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keep it pointed at the sun. Using a one- or a two-axis gimbal has consequences for
the size and complexity of the solar array and/or the Attitude Orbit Control System
(AOCS) of the spacecraft. An one-axis gimbal is lighter and a simpler mechanisms than
a two-axis gimbal, although one gimbal can lead to pointing errors resulting in less
produced power. In section 5.4.1, a further investigation will be performed and one
option selected.

The solar cell material with single or multiple junctions, in combination with a rigid or
flexible panel make up the solar array. Multiple junction solar cells are more efficient
than single junction cells, although they are in general thicker and thus heavier. The
conventional Silicon single and multiple junction cells are ruled out, since their effi-
ciency is too low (< 17%) compared to other cells and are relatively heavy. Amorphous
Silicon and CIGS also have a low efficiency, but are very thin and lightweight and are
thus considered in the trade-off. Flexible solar arrays have as advantage that they can
be stored in a rolled or folded configuration. The numerous possibilities require a thor-
ough analysis in order to come to the right selection from a systems engineering point
of view (see section 5.4).

The solar cells could also be combined with concentration techniques, which concen-
trates the sunlight unto a smaller solar cell. This technique requires a high pointing
accuracy for the refractive optics in at least one axis. In combination with one gimbal,
this is considered to be very difficult. Besides, concentration technology makes the de-
sign and especially deployment of the array more complex and therefore it is considered
not suitable for large solar array areas [1].

The solar array, together with the power conditioning type, defines the complete EPS.
For the power conditioning there are two possibilities: a conventional Power Process-
ing Unit (PPU) or a Direct Drive power processing Unit (DDU). Using a DDU instead
of a PPU eliminates the costly and massive high power converters, which leads to a
significant reduction in mass. Besides, the direct drive approach increases the overall
efficiency and reduces waste heat, thereby reducing the size and mass of the spacecraft
thermal radiator system [19]. Also, the distance of the spacecraft with respect to the
Sun is, throughout its lifetime, close to one astronomical unit. As a result, the solar ar-
ray voltage is expected to stay within acceptable boundaries for the Hall thruster. Thus
the DDU is ideal for the mission and selected as a baseline for the design phase.

The solar array is area and mass critical. The maximum possible area that can be ob-
tained, depends, in case of rigid panels, on the volume limitation of the launcher fair-
ing. In case of flexible panels, the possibilities of deployable technologies determine
the maximum area that can be achieved. The silicon solar cell has a low efficiency
and is commonly applied in rigid panels, which results in a significant area and mass.
The other considered cells have the advantage of being either very efficient, or very
lightweight. Therefore, only the conventional Si cell is omitted from the trade in section
5.4.5.
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5.2.4. Truss Structure

A deployable truss is a compelling technology to save volume inside the launcher and
to potentially save structural mass. The deployable structures are primarily important
for the deployment of a flexible solar array. Also, a deployable structure can be consid-
ered to distance the electric thrusters from the rest of the spacecraft, in order to prevent
contamination and solar array degradation. Due to these benefits, the deployable truss
is selected as baseline.

5.2.5. Preliminary System Baseline

The discussion of section 5.2.1 to 5.2.4 results in a chosen baseline for the system archi-
tecture (see figure 5.6). The green boxes indicate the options that have been selected as
baseline and they will be further elaborated during the design phase. The yellow boxes
show that more study is required or a trade-off needs to be performed to select a final
baseline at the end of the design phase. The number of possible system architectures is
reduced from 7,200 to 32.
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5.3. Propulsion System

The propulsion system is essential to enable the transfer from LEO to LLO and fulfill
the mission requirements. The Hall thruster is identified as the best candidate for the
mission (see section 5.2.2) and the working principle will be shortly described in com-
bination with the electric characteristics and the thruster plume interactions. Then a
trade-off is made on the propellants, followed by a discussion on the tank design and
the propellant feed system. Finally, a description of the mass model, a thruster selection
and a propulsion system mass estimation is given.

The propulsion system has to comply with the following requirements:

Mission Requirement Created

1.2 To transfer from LEO to LLO, a ∆v of 8498m/s shall be provided
by the engines.

Sec. 4.3.1

2.1 To transfer from LLO to LEO, a ∆v of 8134m/s shall be provided
by the engines.

Sec. 4.3.1

2.2 The total transfer from LEO to LEO of a single mission shall be
performed within 300days.

Sec. 4.3.1

3. The transfer stage shall primarily be propelled by electric propul-
sion.

Sec. 2.2

7.1 During the last mission the SEP stage shall be disposed by de-
orbitting it from LLO to impact with the Moon’s surface, which
requires a ∆v of 64.6m/s.

Sec. 4.2.4

System Requirement Created

2. The transfer stage shall primarily be using electric propulsion. Sec. 2.2

2.1.1 The specific impulse of the engine shall be 2,000s. Sec. 4.3.1

2.1.2 The initial acceleration in LEO shall be 4.8 ·10−4 m/s2. Sec. 4.3.1

2.1.3 A single engine shall operate 5,590hrs per mission for at least two
missions with the potential of extension to three missions.

Sec. 4.3.1

2.1.4 The electric propulsion shall be provided by Hall thrusters. Sec. 5.2.2

2.2 The engine can provide thrust during eclipse. Sec. 2.2

2.3 The engines should be placed such that the thruster exhaust plume
is not in contact with the solar array surface, to mitigate solar array
degradation.

Sec. 5.2.1

4. The transfer stage shall have sufficient propellant capacity to per-
form the transfer.

Sec. 2.2

4.1 The most suitable propellant from performance point of view shall
be identified.

Sec. 2.2
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System Requirement (continued) Created

4.2 The payload shall incorporate the propellant to transfer from LEO to
LLO, for the first and final mission. For other missions, the payload
shall incorporate propellant to perform the complete mission, from
LEO to LEO.

Sec. 5.2.1

4.3 The SEP stage’s tanks shall have enough capacity to store the pro-
pellant required to transfer from LLO to LEO.

Sec. 5.2.1

5.3.1. Hall Thruster Fundamentals

The working principle of a Hall Effect Thruster (HET) is based upon the Hall effect (see
figure 5.7). First Xenon gas is fed at the anode into the discharge chamber. The elec-
trons, coming from the cathode, are captured by a magnetic field into a helicoid near
the thruster exit. Some of these electrons are attracted by the anode, spiral down into the
discharge chamber and ionize the Xenon. The positive Xenon particle is now acceler-
ated by the electric field, which is present between the anode and cathode, and provides
thrust. Underway the Xenon particles pick up negative electrons which neutralizes the
overall plasma beam [1].

Anode
Inner coil

Outer coil

To Solar
Xe+

Magnet
Heater
Supply

Keeper
Supply

Supply

Thruster
Center line

Array

Cathode

Xe+
e− e−Xe0

E
B

Figure 5.7.: Hall Thruster Schematic.

A Hall thruster has multiple electric supplies to control the functionality of the thruster
(see figure 5.7). The heater and keeper supply are connected to the cathode and are both
required to raise the temperature of the emitter and to start the electron emission and
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ignition of the thruster. After start-up, the heater supply is typically turned of and the
keeper supply maintains the cathode temperature to ensure a stable electron emission.
The keeper supply is positively charged and therefore also functions as protection to
high-energy ion bombardment from outside the cathode. The magnet supply controls
the outer and inner coils to create a magnetic field [7]. These three supplies are powered
by the PCDU (see section 5.4.6). Normally, a discharge supply is present between the
anode and cathode. Since the DDU approach is chosen as a baseline, the discharge
supply is removed and replaced for a physical connection to the solar array (see figure
5.7).

The thrust of a Hall thruster depends on the beam current, the beam voltage present
between the anode and cathode and the mass of the ion. The beam current is used for
ionizing the mass flow, while the beam voltage is the potential through which the ions
are accelerated. The thrust is proportional to the beam current, Ib, times the square root
of the acceleration voltage, Ub, and ion mass, mi [7]:

FHET ∝ Ib
√

Ubmi. (5.1)

The specific impulse of the thruster depends on the exit velocity of the ions and the
mass of the ion particle. The ions within a Hall thruster are accelerated under influence
of the electric field, which is created by the potential difference between the anode and
cathode. The level of acceleration depends on the mass of the particle. The specific
impulse is therefore directly proportional to the square root of the beam voltage divided
by the square root of the ion mass [7]:

IspHET ∝

√
Ub√
mi

. (5.2)

The lifetime of current state of the art Hall thrusters is approximately 8,000hrs, while
for the mission a lifetime of 16,770hrs is required to perform three missions. However,
some breakthroughs are about to be realized in which magnetic shielding should result
in so-called ’immortal Hall thrusters’ [68]. The lifetime of a Hall thruster is primarily
limited by erosion of the discharge chamber walls, which is mostly localized near the
exit plane. In this region the ions have enough energy to sputter erode the walls, which
can lead to failure when eventually the magnets are affected. The magnetic shielding
needs to limit this erosion, by having a balance between the thruster shape and mag-
netic field strength (see figure 5.8). In this configuration the erosion can be stopped and
the lifetime can be extended to the next failure mode, which is, due to ion bombard-
ment, expected to be the cathode. The lifetime of a typical cathode is demonstrated to
be at least 30,000hrs [19].

When a Hall thruster is operated at higher powers, the power density within the dis-
charge chamber increases. To prevent the erosion from limiting the lifetime, the thruster
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Figure 5.8.: A thruster with the magnetic shielding principle; erosions stops once the
steady-state geometry is obtained [68].

needs to be scaled up, which will increase the size, mass and exhaust footprint of the
thruster. The conventional way is to either increase the discharge channel of a single
Hall thruster or to cluster a number of thrusters together. A new development is the
nested Hall thruster, in which concentrically nesting of two or more channels are used
to scale up the thruster. This approachs proofs to be beneficial for the size, mass and
exhaust footprint compared to the conventional way and increases the thruster specific
power and operational range [1]. Currently, only one of these thrusters exists and fur-
ther development is ongoing to make it flight ready. Due to this reason it is decided not
to use this technology, although it is advised to monitor the developments closely, since
the anticipated performance improvement is significant [1].

5.3.2. Hall Thruster Characteristic

It is necessary to discuss the electric characteristic of the Hall thruster in order to un-
derstand the operation of the thruster within an electric circuit. The V-I characteris-
tic of a Hall thruster for one operation point (constant mass flow and magnetic field
strength) is shown in figure 5.9 [7]. The full description of the HET V-I curvature re-
quires a profound understanding of plasma physics and is actually still a subject of
debate among experts. Within the plasma, there will be potential and density varia-
tions near the thruster walls. This region of potential and density change is called the
sheath and is an important region in explaining the thruster behavior.

The first region in the characteristic (see figure 5.9) shows that a certain amount of
power is required to get the mass flow ionized. While increasing the potential, the
ionization level is also increased until it reaches a maximum at which the ion current
reaches its saturation point. The sheath voltage at these low discharge voltages is high,
resulting in almost no electron flow to the discharge channel wall [63].

In the second region the total discharge current drops. There are three physical pos-
sibilities for this phenomenon. First the ions are accelerated faster with the increasing
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potential, causing it to pick up more electrons that go out of the thruster. Secondly, new
electrons coming from the cathode hit old electrons that are captured in the magnetic
field and due to the collision the electron energy is reduced. The first option seems illog-
ical, since it is assumed that the flow at the thruster exit is quasi-neutral at all times. The
second option might be possible, but then the same effect on the total current should
also be seen at higher potentials, which is not the case. A third possibility, which is
found in literature [63], is that there is a high electron leakage to the discharge channel
wall. This seems to be the most reasonable cause of the drop, since the rise in poten-
tial, results in an increase of the electron temperature and, hence, the kinetic energy of
the electron. The energy of the electron is at this point high enough to penetrate the
sheath voltage and get lost to the wall. As a consequence, the sheath potential drops
and many electrons are lost to the wall. These losses increase strongly with the voltage
in this regime until the electron loss to the wall saturates and the lower boundary in
region two of the characteristic is reached.

In the third region the discharge voltage is high enough to saturate the sheath potential.
Models predict that in this region a linear increase of total current has to occur, which
corresponds to stabilization of the ion current and to a steady increase of the electron
current due to Ohm’s law. However, in reality the total current reaches a saturation
value, which is still a non understood phenomenon [63].
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Figure 5.9.: Typical V-I characteristic of a Hall thruster [7].

The plasma that is present between the anode and cathode, can be seen as a load
impedance. This plasma impedance changes under the influence of the mass flow and
magnetic field strength [7]. In case the Hall thruster has no mass flow, there is a vacuum
in between the anode and cathode and the impedance is infinitely high. This means
that there is an open circuit and the current is zero. When the mass flow is initiated,
the electrons coming from the cathode are initially all captured by the magnetic field.
While increasing the voltage at the anode, the pull on the captured electrons becomes
higher. At some point, they drift into the discharge chamber, create the plasma, close
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the circuit and a current starts to flow. During this process also the impedance in be-
tween the anode and cathode drops. The impedance of the plasma is therefore related
to the mass flow as:

Rplasma ∝
1

ṁc . (5.3)

Where c is a parameter, determined by experiment. As stated, the magnetic field in a
Hall thruster captures the electrons in a helix near the thruster exit. Some of the elec-
trons are attracted by the anode and spiral back. In case the magnetic field strength is
stronger, less electrons will fall back to the anode. In this situation, when the discharge
voltage is kept constant, the current is decreased and the impedance of the plasma is
increased (R = U/I). The magnetic field strength is therefore proportional to the plasma
impedance:

Rplasma ∝ B̄d. (5.4)

Where d is a parameter, determined by experiment. The real behavior of the plasma
impedance is difficult to be modeled quantitatively, but the discussion shows that the
V-I characteristic can be manipulated by changing the mass flow and/or the magnetic
field strength. When the magnetic field strength is increased, the curve will shift down
and to the right. The same effect occurs when the mass flow is decreased. There are
models existing to create the characteristic of a specific Hall thruster, although a signifi-
cant effort is required to make them more accurate [63]. Further study of the character-
istic is beyond scope, due to the complexity of all the effects and the system engineering
character of this work. In subsequent design phases the characteristic should be deter-
mined by detailed modeling and intensive testing of the selected thruster.

5.3.3. Thruster Plume Interactions

A Hall thruster has a wide exhaust plume, which causes problems for the spacecraft.
The issues that arise due to the thruster plume are [6] [19]:

• Erosion of surfaces, especially the solar arrays, by the high energy ions.

• Contamination of (solar array) surfaces due to re-deposition of sputtered material.

• Interference of spacecraft communication within the S-band.

• Spacecraft charging and electrostatic discharge.

Especially the first two issues are of importance, since they have an effect on the solar
array performance. To investigate the impact, the geometry of the plume has to be
modeled and researched. Due to the complexity of such a model, the thruster plume is
discussed qualitatively in order to come to an initial design decision.
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The highest ion concentration of the plume can be found along the thruster centerline.
Typically, the ion density for Hall thrusters decreases gradually for an increasing plume
angle to an angle of 80◦, thereafter it decreases rapidly. Experiments showed that a small
fraction of high-energy ions are still present at plume angles from 90◦ to 110◦ [59].

As stated, sputtered material from the thruster discharge channel can contaminate the
solar array. The sputtered material comes out at large angles and can fall back to the
spacecraft surfaces. Thin layers of the deposited material can change the properties of
the spacecraft surfaces and lower the performance of the solar array. This deposition
occurs for plume angles far from the thrust direction [7].

The effect of the plume on the communications is considered to be a minimal problem.
A conventional S-band antenna should be sufficient for communication, although the
plume will cause a phase shift within the signal (see section 5.8) [7].

The spacecraft charging and electrostatic discharge can be prevented by having a smart
design. For the stage this entails to have a proper grounding scheme and to use plasma
contractors to lower the spacecraft potential. The last task can be performed by the
Hall thruster cathodes, which should therefore also operate during eclipse. This can
be achieved by providing Xenon to the cathode and power to the heater and keeper
supply, which is estimated at 200W per cathode [22]. The cathodes help to control the
charge on the spacecraft and reduce the possibility of arcing events. More importantly,
leaving the cathodes on, also keeps the engine in a configuration that will allow for a
quick start to return as fast as possible to nominal operations when the stage comes out
of eclipse [1]. This on-off cycling is critical, since maximizing the duration of full thrust
will maximize the vehicle performance [31].

The most straightforward solution to protect the solar array from the ions and the sput-
tered material, is to position the thrusters such that the plume and sputtered material
does not interact with the solar cells. This means that, due to the large plume angle of
110◦, the thruster should be positioned approximately 10 to 20 meters away from the
solar array blankets, which is an unacceptable distance due to the volume limitation
of the launcher. Therefore it is chosen to size the solar array, such that it accounts for
the plume impingement loss. Consequently, the thrusters can be placed in line with the
solar array width, meaning that some ions at plume angles of 90◦ to 110◦ have a prob-
ability of hitting the solar arrays and erode its surface. Also, the array will be exposed
to some of the sputtered material coming from the thruster. These effects will be taken
into account in the solar array design, by having redundant solar cell strings and loss
factors. Further analyses are required in subsequent design phases to evaluate the effect
of the thruster plume on the stage performance.
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5.3.4. Hall Thruster Propellant

Multiple propellants have been tested and used for Hall thrusters, of which the ioniza-
tion potential and atomic weight are important properties (see table 5.1). The ionization
potential is the amount of energy which is required to ionize the propellant. It is pre-
ferred to have a low ionization potential to achieve a high thruster efficiency. The square
root of the atomic weight is proportional to the thrust and inversely proportional to the
specific impulse (see equations 5.1 and 5.2).

Every propellant has different performance characteristics, handling properties and ac-
cessibility (see table 5.2). Mercury and Cesium were initially tested as propellant, but
became obsolete due to their high toxicity and difficult handling characteristics. Argon
has a low performance and is therefore not considered to be an option, which leaves
Xenon and Krypton as the only feasible options.

Fuel Ionization potential (eV) Atomic weight (−)

Argon 15.8 39.95

Cesium vapor 3.9 132.9

Krypton 14.0 83.8

Mercury vapor 10.4 200.59

Xenon 12.1 131.3

Table 5.1.: The ionization potential and atomic weight of typical Hall thruster
propellants [1].

Currently, Xenon is mostly used as propellant, since it has a good performance and
handling characteristics. Compared to Krypton, the efficiency of a Hall thruster op-
erating on Xenon is typically 5 to 15% higher than for the same thruster operating on
Krypton [1]. So due to the conventionality and higher performance, Xenon is selected
as propellant.

Fuel Advantages Disadvantages

Argon Cheap Low performance

Abundant

Cesium vapor Easy to ionize Toxic, highly reactive

High vapor pressure Difficult to handle

Krypton Cheap, chemical inert Average performance

Mercury vapor Relatively low ionization potential Toxic, highly reactive

Poor storage properties

Xenon Nontoxic, rel. low ionization potential Relatively high cost

Reliable, good storage properties Low availability

Table 5.2.: Advantages and disadvantages of Hall thruster propellants [1].
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However, it must be noted that Xenon has a low availability and therefore relatively
high costs. The global production of Xenon in 2008 was around 71ton [85], while ap-
proximately 30.9ton is required to perform the mission once. This is 44% of the total
production in 2008, which shows that a Xenon buying strategy of multiple years is re-
quired to safeguard the required amount of Xenon propellant. In case this cannot be
realised, Krypton can be used as a back-up, since it is more widely available. Recently,
a new propellant, Iodine, is discovered which has the same performance as Xenon, a
lower plume divergence and is more widely avalaible [74]. This development could
result in a better alternative than Krypton and should be followed closely.

5.3.5. Propellant Tanks

The tanks are required to store the propellant, without having any leakage. The Xenon
is stored in multiple tanks, within the SEP stage and in a separate section of the payload.
The payload has to store 22.8ton of Xenon for at least 200days and the SEP stage approx-
imately 8.1ton for at least 900days, having a total of 30.9ton. The tank has an interface
to the Xenon Feed System (XFS), which typically can accept a maximum pressure of
18.6MPa (see section 5.3.6).

A decision has to be made at which temperature and pressure the Xenon shall be stored.
The Xenon phase diagram indicates at which temperatures and pressures the fluid is in
liquid, gaseous or supercritical phase (see figure 5.10). The critical point of Xenon is at
a temperature of 289K and a pressure of 5.8MPa [86]. Above the critical point, Xenon is
a supercritical fluid in which a distinction between gas and fluid cannot be made.
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phase [86].
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The Xenon tanks of the SMART-1 and Dawn missions both store the propellant at
15MPa in the supercritical regime [72] [73]. For these systems it was not allowed that
the fluid would condense and liquefy and such the tanks were equipped with powered
thermal blankets to keep the temperature above 294K. However, from the density point
of view it is preferable to store the Xenon in the liquid phase. Figure 5.10 indicates that
the temperature should then be below 289K, including a safety margin this can typi-
cally be 274K. Comparison with the inside of the spacecraft, which will be in between
273K and 303K (see section 5.6), indicates that thermal insulation of the tanks will be
required to shield it from the rest of the relatively warm spacecraft and keep it at a tem-
perature of ≤ 274K. Also, the Xenon must be supplied to the Xenon Feed System in the
gaseous state and thus it must be heated to boil in a separate volume, which requires
a heater of approximately 230W [19]. Besides, a liquid fuel is more dense than a gas
and therefore requires more structural mass to carry for example sloshing loads during
launch. This system is therefore relatively complex and a trade-off on the storage point,
has to be done.

The required tank volume to store the propellant, is depending on the pressure and
temperature of the Xenon (see figure 5.11). For T = 274K, the phase change from liquid
to gas can be seen at the point where the volume suddenly increases. This indicates that
the least required volume for storing Xenon is in the liquid phase. For temperatures
above the critical point (T = 294 and 304K), the fluid is at high pressures supercritical
and makes a more gradual transition to gas.
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Figure 5.11.: The required tank volume for a propellant mass of 30.9ton and different
storage temperatures [86].

The dual launch mode releases the volume budget considerably and such reducing the
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tank volume from 16m3 to around 12m3 is not a decisive parameter. Another impor-
tant decision parameter would be the mass of the system. The two following storage
conditions are considered [32] [19]:

1. Conventional option: P = 12MPa, T = 294−304K, ρXe = 1797−1943kg/m3

2. Cryogenic option: P = 2MPa, T = 240K, ρXe = 2346.2kg/m3

The Xenon densities for these pressures and temperatures are obtained from reference
[86]. The first option is a conventional option, comparable to Dawn and SMART-1,
although the tank pressure is reduced from 15MPa to 12MPa. The second option is
considered in reference [19] and stores the Xenon in liquid phase at a pressure of 2MPa

and a temperature of 240K. The lower storage pressure logically results in a lighter
storage tank compared to option 1. However, the higher density of the fluid will cause it
to initiate relatively high sloshing loads during launch and could possibly be the sizing
case that drives the tanks mass. On the other hand, due to the low storage temperature,
the complexity of the thermal control system and Xenon feed system are increased.

The tank mass for the different options can be expressed as a fraction of the total pro-
pellant mass, for option one this is equal to 0.04 [32] and for option two 0.02 [19]. The
resulting tank volume and mass can be found in table 5.3. It shows that the cryogenic
storage is 617kg lighter compared to the conventional storage option, which means a
reduction of approximately 1% on the total vehicle mass. However, as stated, the cryo-
genic option requires a higher complexity for the thermal control system, structure and
Xenon feed system. Besides, since propellant storage at the payload is required, it will
also increase the complexity of the payload’s thermal control system and structure. Al-
though there is a reduction of 1% in mass, this increase in complexity is not considered
to be practical and, most likely, will reduce the mass benefit. Therefore, the simpler
option, i.e. the conventional one, is selected for the storage of the propellant.

Characteristic Option 1 Option 2

Pressure (MPa) 12 2

Temperature (K) 294-304 240

Density (kg/m3) 1797-1943 2346.2

Tank Volume (m3) 17.2 13.2

Propellant Mass (kg) 30,853 30,853

Mass Fraction (−) 0.04 0.02

Tank Mass (kg) 1,234 617

Complexity Average Above average

Table 5.3.: Comparison of the two suggested Xenon storage points.

The Xenon high pressure tanks are typically constructed out of large composite over-
wrapped pressure vessels with a titanium liner and graphite-epoxy overwrap [72] [19].
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To determine the mass of these tanks, an approach from reference [13] is adopted. The
mass of a spherical pressure vessel can be calculated by [13]:

mspherical = 1.5
pV
sσ

. (5.5)

Where p is the pressure in Pa, V the volume in m3 and sσ is the specific strength of
the material in m. The specific strength for a composite pressure vessel can be in be-
tween 110 to 390km [13]. A value was chosen for which the tank mass of the Dawn and
SMART-1 mission could be reconstructed and resulted in a specific strength of 250km.
The tanks can also be made up of cylindrical sections and elliptical domes. The chosen
mass relation for the elliptical dome, has a configuration in which the height is 60%
of the circular base radius. The mass of a cylindrical section in between two spherical
domes and the mass of a eliptical dome, is estimated by [13]:

mcylindrical−section = 2
pV
sσ

. (5.6)

melliptical = 3
pV
sσ

. (5.7)

The following equations are required to calculate the volumes and identify the tank
dimensions:

Vsphere =
4
3

πr3. (5.8)

Vcylinder = πr2h. (5.9)

Vellipsoid =
4
3

πabc. (5.10)

For the ellipsoid the base area is circular, meaning that a and b are equal to the radius of
the tank and the height of the ellipsoid is c. The total propellant storage shall be equal to
30.9ton. In practice, the tanks cannot be emptied completely and some residuals remain
in the tank, therefore a margin of 2% is applied on the propellant mass [75]. Also, during
fuelling of the tank, some gas will remain inside the tank, called ullage. A margin of 10%
is included on the volume of the tanks to account for this ullage [75]. The propellant
residuals increase the overall propellant mass to 31.5ton, this value combined with the
accounted ullage, increases the total volume to 19.3m3. In case one spherical tank is
selected, it requires a diameter of 3.3m. When four cylindrical tanks with spherical
domes are used, with a radius of 0.74m, the total height will be 3.3m. The cylindrical
tanks can be easier attached to the structure and have thus structural benefits, therefore,



5. Stage Design 77

four cylindrical tanks are chosen, that have to be attached to every payload. For the SEP
stage it is beneficial, from the structural point of view, to have a single tank. To limit the
height of the tank, a elliptical tank is chosen which has a sufficient cylindrical section to
provide an interface with the load bearing structure (see table 5.4).

SEP stage Payload 1 Payload N

Number of tanks 1 4 4

Geometry Cylindrical+ Cylindrical+ Cylindrical+

Elliptical domes Spherical domes Spherical domes

Radius (m) 1.14 0.74 0.74

Height cylinder (m) 0.33 1.08 1.82

Total height (m) 1.69 2.56 3.30

Total volume (m3) 5.05 14.21 19.26

Tank mass (kg) 663.4 1202.1 1686.7

Propellant mass (kg) 8,248 23,222 31,470

Table 5.4.: Final tank configuration for SEP stage and payload, by taking into account
2% propellant residuals and 10% ullage volume.

For the last mission, an incremental ∆v of 64.6m/s is required for disposal, which is,
with the current architecture, equal to 53kg of extra fuel. During the last mission, the
fuel to return from LLO to LEO does not have to be incorporated and therefore there is
more than enough space to incorporate the fuel for disposal.

The tank masses are obtained by taking the pressure and volume as the sizing case.
However, Xenon has a very high density and thus the mass inside the tanks is very
high. Therefore, it has to be evaluated in subsequent design phases if the tank’s strength
is sufficient to carry the propellant mass, especially during launch.

5.3.6. Xenon Feed System

The Xenon Feed System (XFS) is responsible for supplying the Hall thrusters with pro-
pellant. The propellant comes from the high pressure tanks and needs to be conditioned
to a lower pressure, to finally deliver a low pressure gas to the anode and cathode of the
thrusters. The mass flow needs to be accurately adjusted for every anode and cathode
to be able to have enough control concerning the Hall thruster characteristic and DDU
operation. The XFS presented here is based upon lessons learned from the Dawn and
SMART-1 mission and follows the approach of reference [71].

It is required that the XFS has to function for at least 900days, while preventing internal
and external propellant leakage. In case the maximum amount of power is fed to the
thrusters, the XFS should be able to provide a maximum mass flow of 6.4g/s (using
equation 4.26 and applying a margin of 100% to account for power variation), which is
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distributed to all the functioning engines. To maximize the stage performance, the start
up time and transition times between throttle levels should be as low as possible.

The propellant which is fed to the anode and cathode of the thrusters, does not require
a high pressure level. A pressure regulated system, which maintains the high pressure
in the propellant tank, is therefore not required. However, the pressure in between the
tank and thruster is regulated to a lower level that is acceptable for the engine.

The Dawn and SMART-1 vehicles store the Xenon propellant at 15MPa and use a so
called ’bang-bang’ regulation method to condition the pressure down to 0.68MPa and
0.2MPa respectively, into plenum tanks. Two solenoid valves, with a small volume in
between, control the pressure reduction of the system. Downstream of the valves, the
two plenum tanks act as a buffer, of which one is connected to the anode and the other
to the cathode of the thrusters. Flow controllers near the thruster regulate the low pres-
sure flow, such that the thruster anode and cathode are supplied with the desired mass
flow. The controller regulates the flow using a thermothrottle, which contains thermally
constricting capillary tubes, such that an increase in temperature results in a decrease of
Xenon flow [71]. In the design of Dawn and SMART-1, Xenon is fed to the plenum tank
until a certain pressure is reached and the solenoid valves are closed. When the pres-
sure reaches a lower bound, the solenoid valves are opened again to fill up the plenum
tanks. This sawtooth flow behavior caused a 1% higher Xenon flow rate to the thrusters
than required. Also, the plenum tanks have a long transition time, from a few to ten
minutes, from one flow condition to another, especially when throttling down. These
long throttling times result in long startup transients, which leads to wasted propellant
and a loss in performance. This is undesirable, especially in LEO and LLO, and there-
fore JPL developed a new standard architecture for XFS [71], which is used as a baseline
for this mission.

The new architecture consists out of a common high-pressure regulation module (PMA)
combined with a distributed low-pressure throttling module (XFC, see figure 5.12).
The high-pressure module consists out of a single Propellant Management Assembly
(PMA), which allows for the propellant distribution to all the engines at low pressures.
This regulation approach has an interface with the OBDH of the spacecraft. The PMA
consists out of pressure transducers, temperature sensors, fill and drain valves and two
parallel redundant regulator-isolation-latch-valve strings. The strings contain a gas reg-
ulator, which has two stages. The fist stage releases the gas at a constant rate, despite
the pressure upstream of the gas regulator. The second stage of the regulator controls
the pressure reduction from the high pressure to a constant low pressure. The maxi-
mum inlet pressure of the complete PMA is typically 18.6MPa and the regulated outlet
pressure in between 0.245 to 0.265MPa [71].

The low-pressure flow throttling module is located near every engine and is called the
Xenon Flow Controller (XFC). It has an electronic interface with the Xenon Thruster
Unit within the DDU and consists out of a latch valve, Proportional Flow Control Valve
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(PFCV) and Flow Control Device (FCD). The PFCV actively controls the pressure up-
stream of the FCD. The FCD is located near the thruster anode or cathode [71] and
consists out of a thermothrottle. Such a thermothrottle changes under the influence of
changing temperature to regulate the mass flow. The temperature can be controlled
by the power that is provided by the DDU. The combination of PFCV and FCD can
therefore control the pressure and temperature and thus provide a precise mass flow
regulation. The PFCV also provides shut-off capability to close off the anode while
cathodes are still running, as required for the eclipse phase.
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Figure 5.12.: Conceptual design of the Xenon Feed System.
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The failure of a component within an XFC, will result in the failure of one thruster
string, which can be separated from the rest of the system by closing the latch valve.
This is accounted for by having one redundant thruster string and thus this part of the
system is single-fault tolerant. Upstream of the XFCs, the PMA and tank valves have
each a redundant string, which can take over the complete functionality in case one
string fails.

Compared to the Dawn and SMART-1 mission, the transition times between throttle
levels is reduced from more than ten minutes, down to typically 90 to a maximum of 200
seconds for this type of architecture [71]. This system will therefore ensure quick start
up times and maximize the performance of the SEP stage, especially in lower orbits.

The XFS also has to provide propellant transfer from the payload tanks, through the
docking interface, to the SEP stage propellant tanks. Also service valves are required for
filling and draining of the tanks. The XFS, as proposed here, functions as a conceptual
design for subsequent design phases, which means that changes can still be applied to
the PMA, XFC and tank valves.

5.3.7. System Mass Model

The complete propulsion system is existing out of the Xenon tanks, Xenon feed system,
DDUs, gimbals and thrusters (see figure 5.13). The suggested solar electric propulsion
stage is an unconventional design, which requires a high power and a high thrust com-
pared to already realized electric propulsion systems. Therefore there are almost no
off-the-shelf components available for the system and thus small EP systems are scaled
up to come to a mass estimate for our system. For these estimations, the model of refer-
ence [32] is adopted, where known systems and discussions with manufacturers were
used to come to empirical formulas for high power EP systems.

Gimbal

Tank

PMA XFC

DDU

To EPS

To OBDH

Power
Command & Telemetry
Propellant

DDU – Direct Drive Unit
XFC – Xenon Flow Controllers
PMA – Propellant Management Assembly

EPS – Electric Power System
OBDH – On-Board Data Handling

Figure 5.13.: A complete thruster string of the propulsion system.
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The presented mass equations are based upon the assumption that each thruster string
is able to operate independently. In this case only the propellant tank is shared with
the other thruster strings. The mass of all the system components is scaling with the
thruster power, Pthr, and the total number of thrusters, Ntot. The total number of thrusters
is consisting out of the active, Nac, and redundant ,Nrd, thrusters [32]:

Ntot = Nac +Nrd. (5.11)

Redundant thruster strings are used when a thruster or complete string fails. For a
robotic mission, the system is typically single-fault tolerant and therefore one redun-
dant thruster sting is included in the system (Nrd = 1, see section 6.1.1). The thruster
power is depending on the total system power, Psys, divided by the number of active
thrusters [32]:

Pthr =
Psys

Nac
. (5.12)

Where the thruster power and system power are in kW. The total system power is the
required discharge power for the Hall thrusters (see section 4.2). The power delivered
by the solar array, shall therefore be higher, since the electric power system has an effi-
ciency below one.

It is assumed that the thruster mass scales linearly with power [32] and such a linear
curve can be plotted through Hall thruster data, to obtain the thruster mass as function
of the thruster power (see figure 5.14). The total thruster mass equals:

mthr = Ntot (1.4572Pthr +0.7241) = (Nac +Nrd)

(
1.4572

Psys

Nac
+0.7241

)
. (5.13)

Where the mass is in kg. This relation is established out of a database with ten Hall
thrusters (see appendix B.2). To allow for steering during the flight, gimbals are re-
quired. A gimbal provides a pivoted support that allows the thruster to rotate about its
axis and thus tilts the thrust vector to a required angle. The thruster gimbal mass can
be expressed as a ratio of the thruster mass. From the flown missions, like NSTAR and
NEXT, it can be concluded that the gimbal mass is approximately 50% of the thruster
mass. Not all thrusters have to be gimbaled and thus a gimbal factor fgim is included in
the gimbal mass equation [32]:

mgim = 0.5fgimmthr. (5.14)

The DDU mass scales linearly with increasing power [32]:

mDDU = Ntot (0.35Pthr +1.9) . (5.15)
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Figure 5.14.: Hall thruster mass as function of power (data from appendix B.2).

The mass of the cables in between the thruster and DDU can be expressed as [32]:

mcab = Ntot (0.06778Pthr +0.7301) . (5.16)

The mass of the Xenon feed system is only a function of the total number of thrusters
and determined by [32]:

mXFS = 3.2412Ntot +4.5189. (5.17)

The tank mass is calculated in section 5.3.5. The total mass of the propulsion system is
the summation of all the components. Also, a fraction (1.26) is included which accounts
for the structural mass necessary to integrate the propulsion system into the spacecraft
[32]:

mps = 1.26
(
mthr +mgim +mDDU +mcab +mXFS +mtank

)
. (5.18)

This model is used to determine the mass of the propulsion system.

5.3.8. Hall Thruster Selection

Earlier identified requirements are used to select Hall thruster candidates and perform
a trade-off. From the mission analysis it was derived that the initial acceleration shall be
at least 4.8 ·10−4 m/s2, the specific impulse 2,000s and the Hall thruster lifetime at least
16,770hrs. The Hall thruster database (see appendix B.2) and references [64] and [65]
are used to select a high power thruster that fulfills all the requirements (see table 5.5).
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As the name suggest, the NASA-400M and NASA-457M are development projects from
NASA. They were initiated in the year 2000 and stopped in 2006, because of budget cuts.
However, there is renewed interest in developing high power Hall thrusters, which can
also be concluded from the new development of the NASA-457Mv2, X2 and X3 nested
Hall thruster [67] [1]. In Europe, the highest power thruster currently designed is the
HT-30 (Alta SpA, Italy, 2011) [69], followed by the operational and tested 20kW PPS-20k
ML (Snecma, France, 2011) [70].

Characteristic Requirement HT-30 NASA-400M NASA-457M

Power (kW) 529 30 38.5 50

Thrust (N) 31.3 1.55 1.75 2.5

Specific Impulse (s) 2,000 2,500 2,500−3,300 1,700−3,000

Lifetime (hrs) ≥ 16,770 - - 8,000

Operating Voltage (V) 300−500 500 300−500 300−600

TRL 4 6 6

Table 5.5.: Hall thruster requirements and candidates for the mission (see appendix
B.2) [64] [65].

The mass model of section 5.3.7 is applied on the thruster candidates (see table 5.6), as-
suming one redundant thruster string for all the thrusters. The total propulsion system
mass for the different thrusters is almost equal and thus no selection can be made by
solely looking to the mass.

HT-30 NASA-400M NASA-457M

Number of active thrusters 21 18 13

Redundant thruster string 1 1 1

Mass thrusters (kg) 823.1 827.0 839.8

Mass gimbals (kg) 411.5 413.5 419.9

Mass DDU (kg) 235.7 231.4 225.9

Mass cables (kg) 53.6 51.7 48.8

Mass XFS (kg) 75.8 66.1 49.9

Mass tank (kg) 663.4 663.4 663.4

Structural factor 1.26 1.26 1.26

Propulsion system mass (kg) 2851.5 2838.9 2832.2

Table 5.6.: Propulsion system mass calculation for thruster candidates.

For the selection, the other requirements are also taken into consideration (see table 5.5).
All the thrusters violate the specific impulse requirement, except for the NASA-457M.
This thruster only violates the lifetime requirement, which is a common problem for
current state of the art Hall thrusters, since their lifetime is around 8,000hrs. However,
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some breakthroughs are about to be realized in which magnetic shielding will result in
so-called immortal Hall thrusters (see section 5.3.1) [68]. This shows that the design of
the NASA-457M requires an iteration in which magnetic shielding is applied and such
the lifetime is extended to an expected duration of 30,000hrs. This updated version of
the thruster will be perfectly suited to fulfill the mission and is selected.

During operation, the NASA-457M’s heater, keeper and magnet supply, require ap-
proximately 3% of the total power, while the thruster operates at a total efficiency of
58% [65]. Using equation 4.26, the total power demand of the thrusters equals 528.7kW.
The thruster falls under ITAR regulations and the outer dimensions of the thruster
are given in table 5.7 [66]. From reference [25] it could be derived that the thruster
mass equals 87kg, while equation 5.13 gives a result of 66kg. Since an iteration of the
thruster test model is required in which the magnetic shielding is applied, it is assumed
that excessive mass can be taken away and such the thruster mass equation is chosen.

Figure 5.15.: The NASA-457M Hall
thruster [65].

NASA-457M

Radius single thruster (cm) 29.0

Depth single thruster (cm) 16.0

Operation power (kW) 40.7

Single Thruster mass (kg) 66

Thruster total efficiency (−) 0.58

Active thrusters 13

Redundant thruster string 1

Total thrusters 14

Gimbaled thrusters 4

Total thrust (N) 31.3

Total power demand (kW) 528.7

Table 5.7.: Hall thruster information and
configuration for SEP stage [66].

For the SEP stage, the total number of engines is equal to 14 (see table 5.7). It is assumed
that four gimbaled thrusters are enough to provide steering in all directions effectively
and to provide compensation in case one thruster fails (see section 6.1.1).

5.3.9. Propulsion System Results

From the selected propulsion system configuration, the complete mass (see table 5.8)
can be derived by using the model presented in section 5.3.9. The structure mass factor
is included to account for the extra mass that is required to integrate all the components
into the spacecraft. Also, margins for the mass and volume are applied according to the
margin philosophy. The thrusters and gimbals are further developments of already ex-
isting systems and therefore a margin of 10% is applied. The DDU, composite overwrap
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tanks and XFS are relatively new developments and thus a margin of 20% is applied.
Cabling is standard in spacecrafts, so only the smallest margin of 5% is selected. The
total mass estimate of the propulsion system for the SEP stage can be seen in table 5.8.
The payload module contains propellant tanks and the mass required for these tanks
can be seen in table 5.9.

SEP stage Mass Margin Mass w margins

Thruster mass (kg) 839.8 10% 923.8

Gimbal mass (kg) 120.0 10% 132.0

DDU mass (kg) 225.9 20% 271.1

Cable mass (kg) 48.8 5% 51.3

Tanks mass (kg) 663.4 20% 796.1

XFS mass (kg) 49.9 20% 59.9

Total components mass (kg) 2234.1

Structure mass factor 1.26

Total mass (kg) 2814.9

Table 5.8.: Final mass estimate of the SEP stage’s propulsion system, including
margins.

Payload Mass Margin Mass w margins

Tanks mass (kg) 1202.1 20% 1442.5

Structure mass factor 1.26

Total mass (kg) 1817.5

Table 5.9.: Final mass estimate for the propellant tanks inside the payload module.

The largest contributor to the propulsion system volume are the propellant tanks (see
table 5.10). The DDU volume is derived by taking the specific mass of the PPS 1350 HET
PPU, and scaling the volume with the DDU mass [88]. A gimbal of an electric thruster
requires roughly twice the volume of the engine [73]. The complete volume estimate
can be seen in table 5.10.

SEP stage Volume Margin Volume w margins

Thruster volume (m3) 0.59 10% 0.65

Gimbal volume (m3) 0.17 10% 0.19

SEP tank volume (m3) 5.05 10% 5.55

DDU volume (m3) 0.30 20% 0.36

Total volume (m3) 6.75

Table 5.10.: Final volume estimate of the SEP stage’s propulsion system.
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5.4. Electric Power System

The Electric Power System (EPS) is the most critical subsystem of the SEP stage, be-
cause the functionality of this system determines not only the performance but also the
feasibility of the mission. Therefore, an extensive analysis for the EPS is performed.

The power for all systems on the SEP stage, is generated by solar arrays. They need to
be positioned perpendicular toward the Sun in order to generate the maximum amount
of power. The arrays are connected to the spacecraft through the Solar Array Drive
Mechanisms (SADM), which diverts the power coming from the solar arrays to the
Hall thrusters. A small fraction of the power is converted, regulated and distributed by
the Power Control and Distribution Unit (PCDU). In the following, all these elements
and their trade-offs will be discussed, including a mass and power estimation.

The Electric Power System has to comply with the following requirements:

Mission Requirement Created

4. The transfer stage shall be powered by solar panels as primary
power source (nuclear power is excluded).

Sec. 2.2

System Requirement Created

1.1 The solar arrays shall be sized to endure, during its lifetime, a total
current irradiation of 16.347 ·1014 MeV/cm2 and voltage irradiation
of 21.132 ·1014 MeV/cm2.

Sec. 4.4

2.1.5 The thrusters shall require a total power of 529kW. The heater,
keeper and magnet supply require 3% of this power.

Sec. 5.3.8

2.2 The engine can provide thrust during eclipse. Sec. 2.2

2.3.2 The solar array shall be designed such that it accounts for the ion
impingement losses.

Sec. 5.3.3

2.4 The thruster’s cathode shall operate continuously to prevent
spacecraft charging, also in eclipse. A minimum power of 200W
per cathode is required.

Sec. 5.3.3

3. The transfer stage shall be powered by solar panels. Sec. 2.2

3.1 The solar array shall be deployed autonomously. Sec. 2.2

3.2 The critical systems shall be powered by batteries during eclipse
time.

Sec. 2.2

3.3 The EOL power generation of the solar panels shall be sufficient
to maintain proper engine functionality.

Sec. 2.2

3.4 The solar array should consist out of two Solar Array Wings. Sec. 5.2.1

3.5 The solar array shall fit inside the launcher fairing. Sec. 4.3.2

3.6 The power system shall operate with a Direct Drive power pro-
cessing Unit.

Sec. 5.2.3
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System Requirement (continued) Created

3.7 The power system should deliver a voltage of 300− 600V to the
thrusters.

Sec. 5.3.8

5.1 During eclipse, a heater shall operate at 320W to keep the stage’s
temperature above 0◦C

Sec. 5.6.4

7.2 The attitude sensors shall operate at a total power of 90W. Sec. 5.7.1

8.1 The Telemetry, Tracking and Command system shall operate at a
total power of 105W.

Sec. 5.8

9.1 The On-Board Data Handling shall operate at a total power of 63W. Sec. 5.8

10. The transfer stage shall provide electrical power to the payload dur-
ing the transfer.

Sec. 2.2

For the design of the EPS, well established methods are used that are available within
reference [3] and [6]. This approach is chosen to come to a feasible and conventional
design of the system. Also, the margin philosophy introduced at the beginning of the
chapter will be applied to the power, mass and volume of the system.

5.4.1. Solar Array pointing

The SEP stage employs continuous thrust to make a spiral transfer to the Moon. During
the transfer the power generation needs to be kept at maximum by maintaining the
solar arrays pointed at the sun. However, this must be performed while keeping the
SEP stage’s thrusters pointed along the velocity vector, which can be accomplished in
three ways [31]:

• A two-axis gimbal1.

• A one axis gimbal in combination with a roll-steering maneuver.

• A one axis gimbal and sizing the solar array for off-pointing errors.

The first option, having a two-axis solar array gimbal, compensates for the pointing
error in two angles: the α and β angle. The α angle represents a rotation caused by the
orbit around the Earth, whereas the β angle defines the angle between the orbit plane
and the solar vector (or ecliptic), see figure 5.16. Such a two-axis gimbal is complex,
requires a high volume and adds a considerable amount of mass to the overall system
[31].

A second and alternative method is to use a typical single-axis array gimbal and employ
a roll steering maneuver. In this case, the single-axis gimbal is compensating for the α

angle and the spacecraft roll steering maneuver for the β angle, which employs one full
revolution per orbit. Thus the orientation of the spacecraft is used to point the solar
arrays. This maneuver has to be applied continuously and affects the Attitude Orbit

1A gimbal is a pivoted support that allows an object to rotate about a single axis.
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Control System (AOCS), which carries out this maneuver [31].

If roll steering is not applied, the solar array will experience off-pointing errors equal
to the solar β angle and potentially shadowing, which is the third considered method.
The power production in this case will at least be reduced by the cosine of the β angle
and should be taken into consideration when designing the solar array. Therefore, the
orbit parameters are of importance to select a pointing method.

Sun

Orbit

β

Sun

23.4◦

Equator

Orbital
plane

28.5◦
5.1◦noon

Figure 5.16.: A 3D illustration of the solar β -angle (left) and a 2D representation of the
β -angle during the mission (right).

From the mission analysis it was derived that the mission will be performed during a
major lunar standstill (see section 4.1). The SEP stage is launched into a 28.5◦ inclina-
tion, such that the orbital plane coincides with the lunar plane. The lunar plane has a
stable orientation towards the ecliptic, at an angle of 5.1◦ to the Sun (see figure 5.16).
Thus, in this configuration the β angle is constantly 5.1◦, which results in a power loss
of only 0.4%. This loss is very minimal and can be taken into account by increasing the
solar array area slightly. Therefore the third method is selected in favor of the two-axis
gimbal, which increases complexity, and the roll-steering maneuver, which increases
the AOCS propellant demand.

5.4.2. SADM availability and sizing

The Solar Array Drive Mechanism (SADM) is driving the solar array wing and is a
crucial part within the EPS. During the flight, it has to guarantee that the solar arrays
stay pointed perpendicular to the Sun direction, such that the maximum amount of
power is produced. Secondly, it has to transfer all power from the solar arrays to the
spacecraft. Also, the SADM shall be able to transfer signals. A SADM is a single point
of failure device, which shows how critical the component actually is. There are two
main technologies to transfer power to the spacecraft: by a slip ring or a roll ring.

The power within a slip ring assembly is transferred from an inner rotating conductive
ring, through a brush to the spacecraft (see left side of figure 5.17). The brushes form
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a slipping contact with the ring, which causes wear and requires some form of lubrica-
tion. A roll ring assembly (see right side of figure 5.17) contains rolling flexures, which
transfer power between the outer conductive ring and the inner rotating conductive
ring. These flexures are made of conducting materials, typically gold plated Beryllium
Copper [53]. They are separated by non-conductive idlers, which rotate in the idler
guide tracks and ensure that no short circuiting occurs. This configuration provides a
rolling contact between the spacecraft and the solar array, resulting in almost no friction
and wear. As a consequence, the lifetime of a roll ring assembly is much higher than
a slip ring assembly. Also, the reduced friction forces results in a 5 to 20 times lower
torque to turn the assembly [54].

Flexure

IdlerBrush

Figure 5.17.: The working principle of the slip ring (left) and roll ring (right).

The contact area of a roll ring is larger compared to a brush contact, enabling it to trans-
fer more current and have a compact design. A slip ring can typically transfer up to
12A [56], while one roll ring with ten flexures can transfer 100A [55]. In both configura-
tions, multiple rings can be stacked above each other to reach higher power levels. The
flexures and brushes do not support the array mechanically. This is normally provided
by ball bearings. Also, rotation of the SADM is driven by a motor, typically a stepper
motor.

The SADM completes one full rotation when one orbit is performed. The number of ro-
tations is therefore equal to the amount of orbits, which can be obtained by the SPIRAL

PROGRAM. For the specified mission (including return to Earth), the number of rota-
tions is equal to 1126. Margins are required to account for operations at LEO and LLO.
During these operations, the thrusters are not fired and thus the total power demand
is reduced. However, power is still required for the avionic bay and payload and such
the panels need to be rotated. To account for this, a margin of 20% is included. Assum-
ing that the mission is performed at least three times, the required number of rotations
should at least be 4054.

In a later design phase, it has to be researched if it is possible to generate enough power
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in LEO parking orbit when the panels are oriented towards the Earth, using only the
Albedo radiation. If this is the case, the solar arrays can stay in a fixed position with
respect to the spacecraft and such no extra rotations have to be applied, reducing the
required amount of rotations and especially the moment that is applied upon the space-
craft.

The rotational speed of the SADM needs to be high enough to ensure that the solar
array is pointed towards the Sun at all times. This speed is equal to the rotation speed
of the spacecraft, which is the highest in low orbits and therefore the most demanding.
For the current mission the most demanding case is either in LEO or LLO:

ωLLO =
v
r
=

√
µM

r3 = 8.89 ·10−4 rad/s. (5.19)

ωLEO =
v
r
=

√
µE

r3 = 1.11 ·10−3 rad/s. (5.20)

The calculations show that the most demanding case occurs in LEO and that the corre-
sponding rotational speed of the SADM should at least be 1.11 · 10−3 rad/s or 0.064 ◦/s.
No problems are foreseen in fulfilling these two requirements, since current state of the
art roll ring SADMs are capable of having a maximum rotation speed of 0.067 ◦/s and a
total number of revolutions of more than 35,000 (see appendix B.1).

The number of SADMs is linked to the number of solar array wings. A total of two
solar array wings is preferred in order to prevent array shadowing. This means that
two SADMs need to transfer the total required power from the solar array wings to the
spacecraft, equal to 569kW each at maximum BOL power. Because such high power
levels have never been applied in space missions so far, there is no SADM existing for
these power levels.

With a peak power of 256kW [1], the ISS is up until now the spacecraft with the high-
est power production. The SADM of the ISS, called Beta Gimbal Assembly (BGA), is
qualified for transferring 33kW from the solar array wing to the truss structure. The
Solar Alpha Rotary Joint (SARJ) connects the truss structure to the rest of the space sta-
tion and is qualified at 60kW, which is obviously not enough for the proposed mission.
However, within the development program of the Space Station, the initial power lev-
els were higher and also the devices were tested at these higher power levels [54]. In
the program, three different roll ring assemblies were designed, with 4, 8 and 12 roll
rings (see figure 5.18). The 4 and 8 circuit assemblies were extensively tested, even to a
point were 200A and 500Vdc (100kW) were transfered through one single circuit [54].
The roll ring assembly offers a great flexibility due to the modularity of the design.
Modules containing sets of circuits can be added or removed easily to meet system re-
quirements [54]. Also the roll ring datasheet from Diamond Roltran [55] shows that the
assembly can be fitted to our needs.
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Figure 5.18.: A four circuit roll ring assembly (left) and an eight circuit roll ring
assembly (right) [53].

Table 5.11 compares the slip ring and roll ring assembly. The roll ring is selected due
to its longer life time, lower torque and especially its higher power density. This last
benefit results in a smaller sized SADM and is therefore the preferred solution.

Characteristic Slip Ring Roll Ring

Torque T 0.05-0.2 T

Power density P > P

Demonstrated power level (kW) ≤ 20 ≤ 60

Modularity Yes Yes

Lubrication Yes No

Wear Yes Very low

Life (rev) ≤ 40,000 > 300,000

TRL 9 9

Table 5.11.: Trade off between different SADM types.

The design of the SADM can be based upon heritage coming from ISS (see figure 5.19).
The power module, secondary power module and signal module are all constructed out
roll ring assemblies. The power module is consisting out of five roll rings, that provides
four power crossings and one ground. Each roll ring has a total estimated thickness of
5cm and contains eleven flexures with a diameter of 8cm. This BGA, with a total mass
of 24kg, was designed to be accessible during an Extra-Vehicular Activity (EVA) of an
astronaut and is therefore more spacious in its design [54]. This is not required for the
current mission and therefore this space can be used for a larger power module.
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Figure 5.19.: Cross section of the BGA of ISS [54].

The flexures within a roll ring assembly are designed to carry 20A of current and 500V

[53] and are qualified at 10A and 250V [55]. The power system is operating at 400V and
is therefore transferred across one ring. The power a single ring can transfer, equals:

Pring = UEPSIflexNflex. (5.21)

Due to the configuration of the stage (see section 5.5), the length of the SADM is more
critical than the diameter. Therefore, the diameter of the power rings is increased, such
that it can contain more flexures of the same diameter and the complete ring can transfer
more power. The new SADM radius is determined by the following formula:

rreq =
dflexNflex

2π
+dflex. (5.22)

The power rings are scaled up to contain 22 flexures, which requires a diameter of
0.72m, with a total power capability of 88kW per ring. The maximum power capabil-
ity of a single SADM should be 569kW (see section 5.4.7) and therefore requires seven
power transferring rings. Two more rings are required, one for being the neutral return
line and another one for the ground. The length of the SADM is estimated by having
a base length of 0.25m (derived from ISS BGA) and adding the number of rings multi-
plied by their thickness:

lreq = lbase +Nringstring. (5.23)

The mass of the SADM is estimated by comparison to the ISS BGA, which has a specific
mass of 1.29 ·10−3 m3/kg. The calculated specifications of a single SADM can be found
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in table 5.12. A margin of 10% is applied on both the mass and volume, since the SADM
is a further development of existing technology, which is proven in space.

Characteristic Specification

Power transfer technology Roll Ring

Rotation speed (◦/s) 0.064

Lifetime (rev) 4,054

Power transferred (kW) 569

Number of power rings 7

Number of rings 9

Maximum power transfer capability (kW) 616

Diameter (m) 0.72

Length (m) 0.7

Volume, including 10% margin (m3) 0.31

Mass, including 10% margin (kg) 243.5

Table 5.12.: Specifications of a single SADM.

5.4.3. Types of Solar Cells

The mass and volume limitations, by the launcher fairing envelope, make the specific
power (W/kg) and the stowed power (kW/m3) two critical parameters for the selection
of a solar cell for the array. Therefore a thorough trade off is required to select the most
suitable solar cell type for this specific mission. In this section, the potential solar cell
options and their technical properties are presented, while the trade is performed in
section 5.4.5.

There are many types of solar cells, which are build up of one or more layers of differ-
ent materials. The theoretical maximum energy conversion efficiency of three common
materials is [6]:

• Germanium (Ge): 16%

• Silicon (Si): 24%

• Gallium Arsenide (GaAs): 29%

Silicon and Gallium Arsenide rigid solar panels are commonly applied. These materials
can also be combined in multi-junction cells, where the cell is build up by different
material layers. By using concentration techniques, the efficiencies of double and triple
junction cells can currently reach 35% and 40%, repectively, while the theroretical limit
of a triple junction cell equals 50% [1].

The traditional solar cells are crystalline cells, meaning that the atoms and molecules
in the cell are arranged in a regular manner. Any dislocation or defect in the structure
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of the cell, results in a reduction of the performance. A new development are thin-film
solar cells, which are amorphous instead of crystalline. These amorphous cells have
a random atomic structure that can not be misaligned (no performance loss), which
makes them in general more radiation resistant. In a crystalline cell, even the slightest
damage to the well-aligned structure degrades the power generation [6] [34].

The thin-film cell is a few micrometers thick (< 5 µm) and consists out of a certain
semiconducting material, mostly in amorphous or polycrystalline form and as single
or multi-junction cell. The cell is deposited on a substrate, which can be aluminum,
glass, ceramic, stainless steel, polyimide or other compatible substrate materials. There
are multiple types of thin-film cells currently under development, of which the most
promising are:

• Amorphous Silicon (a-Si)

• Copper Indium Gallium Diselenide (CIGS)

The efficiency of a CIGS thin film solar cell is higher than a-Si based cell, which are
around 12-14% and 9-12% respectively. However, a-Si has the advantage of being de-
posited at lower temperatures, allowing the use of lighter polymer substrate and there-
fore of having a higher specific power. Typically, a-Si single junction has a substrate
thickness of around 6 µm and CIGS 30 µm [34]. Advances in this field enabled the pos-
sibility to embed CIGS thin film onto Kapton flexible polymer and reduce substarte
thickness to around 25 µm [35].

The temperature degradation of a-Si triple junction cells is half of that of conventional
crystalline Silicon cells, therefore a-Si is expected to perform better at high temperatures
found in LEO and GEO [6]. However, a disadvantage is that the a-Si cell efficiency is
low at the beginning and degrades by about 20% in the first months of operation be-
fore stabilizing. After this period the cell suffers less radiation damage [6]. Also, tests
showed that after more than 33,000 thermal cycles between +150◦C and -110◦C, there
was no change in performance, nor after exposure to atomic oxygen with a concentra-
tion of 1.3 ·1020 atoms/cm2 [6].

Conventional solar panels are typically 2cm thick, which makes them relatively heavy
and such they have a low specific and stowed power. In case high power levels are
required, this would result in a fairing that is mostly filled by solar panels. Therefore
there are initiatives to develop thin panels, where the supporting honeycomb struc-
ture is removed and the solar cell is made as thin as possible. This is also a new trend
in current development programs, where the goal is to make the GaAs triple junction
cells as thin as possible. Initially the aim is to go to a thickness of 80µm and eventually
down to 10-20µm [44] [34]. These GaAs next generation cells will be manufactured from
inverted metamorphic structures and are called Inverted Metamorphic Multijunction
(IMM) cells. They are expected to have efficiencies of 33-35% and are so thin that they
are flexible, allowing fold-out or roll-out configurations [34]. Test flights with these cells
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are already performed on the ISS (MISSE-7 & MISSE-8, see figure 5.20), having a cell
thickness of around 15 µm. These cells, in combination with the ultraflex lightweight
panel of ATK (see appendix B.3), are selected to make up the solar panel of the Orion
crew vehicle. In order for an array, consisting out of these cells, to be flexible, the pro-
tecting covers and the substrate, on which the solar cell is deposited, have to be flexible.
In case for example a glass cover is used, the flexibility of the panel is (partially) lost.
Currently the IMM cell is not commercially available, but multiple companies (NREL,
Emcore, Spectrolab) started developing commercial versions of the IMM cell, which
will come available in the next years [37].

Figure 5.20.: The Materials International Space Station Experiment (MISSE-8)
investigates long-term exposure of materials and performance of new solar cells.

A database is created where the characteristics of the considered solar cells can be found
on cell level and on panel level (see appendix B.3). Mostly, the characteristics are stated
under AM0 conditions, which is equal to the conditions in space at a distance of 1 AU.
For some cells also the performance under AM1.5 conditions2 were stated in case not
much information was found for AM0. The typical performance levels of the cells on
panel level under AM0 conditions are summarized in table 5.13. Some of the values are
based upon estimation, e.g. the a-Si triple junction (TJ) and CIGS solar cells are twice
the thickness as the a-Si single junction (SJ) cell and therefore their stowed power is
halved. The IMM TJ and a-Si SJ are both tested on the ISS and therefore have a TRL of 7
on cell level. Also, IMM cells with four junctions are currently under development and
a roadmap exists to go even to five and six junctions [39]. Not much is known about
these five and six junction IMM cells (TRL ≤ 3) and therefore they are not considered
for the design. The trade-off for selecting the cell type will be done in section 5.4.5.

2Corresponding to the performance under one atmosphere and a solar zenith angle of 48.2◦.
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c-Si 8-10 20-40 100 1-2 Low Limited 9

GaAs TJ rigid panel 24-30 45-108 270-300 8-15 High Limited 9

GaAs TJ flexpanel 24-30 118-180 270-300 30-40 Medium Limited 9

GaAs SLA 24-30 150-500 300-400 20-80 High Difficult 9

a-Si SJ 9-12 1200 95-160 100 Superior Easy 7

a-Si TJ 9-13 770 95-170 50a High Easy 4

CIGS 12-14 500a 145-180 50a High Medium 4

IMM TJ 28-33 200-500 360-450 50 High Limited 7
a: These values are based upon estimations

Table 5.13.: Typical performance of solar cells when integrated into flexible or rigid
panels (see appendix B.3).

5.4.4. Solar Cell V-I Characteristic

The solar cell voltage-current (V-I) characteristic is different for every solar cell type and
also changes under variable conditions. The shape of a typical V-I characteristic can be
seen in figure 5.21. The following factors that influence the solar cell behavior are taken
into account:

• Operative absolute temperature

• Degradation by cosmic radiation

The intensity of the incident light is assumed to be constant at 1367W/m2 (1AU).
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Figure 5.21.: Typical V-I characteristic of a solar cell [46].
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The solar cell V-I characteristic can be derived from the specifications provided by the
data sheet. On solar cell data sheets the following information, for AM0 and Tref =

301.15K, is in general provided:

• Short circuit current, Isc.

• Maximum power current, Imp.

• Maximum power voltage, Vmp.

• Open circuit voltage, Voc.

• Short circuit current temperature coefficient, dIsc/dT.

• Maximum power current temperature coefficient, dImp/dT.

• Maximum power voltage temperature coefficient, dVmp/dT.

• Open circuit voltage temperature coefficient, dVoc/dT.

A solar cell can be modeled as a current source with a diode in parallel and a shunt
and series resistance. The equivalent electronic circuit of the solar cell (see figure 5.22)
together with Kirchhoff’s law are used to obtain an equation for the output current, iO,
and output voltage, VO, of the solar cell [46]:

iO = iL− iD

[
exp
(

qVD

kT

)
−1
]
− iR

[
exp
(

qVD

2kT

)
−1
]
− VD

RP
. (5.24)

VO = VD−RSiO. (5.25)

Where k is the Boltzmann constant, q the electron charge, iL, iD and iR are respectively
the current due to illumination and the reverse current of the diodes, VD the voltage
drop across the diodes, RS the series resistance and RP the shunt or parallel resistance.
For a triple junction cell, the series resistance is usually around 300mΩ and the parallel
resistance around 500Ω. In a first approximation these resistances can be considered
constant in the operating temperature range of the cell.

iL iD iR

VD

RP

RS
iO

VO

Figure 5.22.: Equivalent electronic circuit of a solar cell [46].
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As stated, the data sheet provides information of three typical operating points on the
V-I curve: short circuit, maximum power and open circuit. These points are used to
solve the equations 5.24 and 5.25 for the three unknowns (iL, iD and iR) that are not
provided on the datasheet, by applying the least square method:

x =
(

ATA
)−1

ATy. (5.26)

Now that these variables are known, the voltage-current curve can be plotted for the
reference temperature. For other operating temperatures, the temperature coefficients
can be used to calculate the new typical short circuit current, maximum power current,
maximum power voltage and open circuit voltage as follows:

IscT1 = Iscref +
dIsc

dT
(
T1−Tref

)
. (5.27)

ImpT1 = Impref +
dImp

dT
(
T1−Tref

)
. (5.28)

VmpT1 = Vmpref +
dVmp

dT
(
T1−Tref

)
. (5.29)

VocT1 = Vocref +
dVoc

dT
(
T1−Tref

)
. (5.30)

These values can be used, in combination with the procedure as described in this sec-
tion, to obtain the solar cell characteristic.

5.4.5. Solar Arrays Concepts and Trade Off

The solar array concepts are based upon heritage and multiple options that can be real-
ized within this design, are identified:

• Rigid panels

• Flexible panels

– Deployable truss structure

– Coilable boom

– Shape memory composite

An explanation of all the different deployable mechanisms, that are suggested in com-
bination with the flexible panel, can be found in section 5.5.2. The size of a rigid panel
is limited by the dimensions of the launcher. To overcome this problem it is common
practice to stack multiple rigid panels on top of each other. Once in space, the panels
are deployed to obtain the required solar array area (see figure 5.23, concept (a)). The
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configuration of concept (a) is chosen such that the panels close to the SEP stage are at
a safe distance from the thruster plume, combined with a length to width ratio that is
as close to one as possible. The Falcon Heavy is selected as launcher and limits the size
of a single rigid panel to 4×12m, due to the height and diameter of the fairing.

SADM

Canister

Deployable Structure

Flexible Solar Array

Flexible Solar Array

SADM
Flexible Solar Array

SADM

Can-
ister

Can-
ister

Deployable Structure

Deployable Structure

(a) (b)

(c)

x

x

x

Figure 5.23.: Solar array concepts, with a rigid panel concept, (a), and two flexible solar
array concepts, (b) & (c).

Concept (b) and (c) (see figure 5.23) contain flexible solar arrays and deployable struc-
tures that are folded in the launch configuration and deployed once in space. The
deployable mechanism can be a deployable truss structure, coilable boom or a shape
memory composite (see section 5.5.2). The width of configuration (c) is limited to 12m

due to the launcher fairing dimensions. In configuration (b) the booms, at which the
flexible solar arrays are attached, can be folded together in the stowed configuration
and therefore this configuration has an expected maximum solar array width of 20m

(including a margin of 4m for the canister). The concept that is selected in the end,
depends on the length and stiffness that is required for the solar array.

In section 5.3 it was derived that at least 529kW of power is required to operate the
engines. In combination with the performance of the solar cells (see table 5.13), the
size, mass and stowed volume can be estimated (see table 5.14). This first estimation is
without taking power margins and solar array performance losses into account. Con-
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ventional silicon and stretch lens arrays are excluded from the trade-off, due to the low
performance of silicon and the complexity of stretch lens arrays, which makes them
unsuitable for large solar array areas.

Number of Flexible panel (m) Volume

Cell type Mass (kg) Area (m2) rigid panels Width Length stowed (m3)

GaAs TJ RP 13,225 1,763 37 - - 66

GaAs TJ FP 3,648 1,763 - 20 44.1 17.6

a-Si SJ 441 4,336 - 20 108.4 5.3

a-Si TJ 529 3,977 - 20 99.4 10.6

CIGS 1058 3,623 - 20 90.6 10.6

IMM TJ 1,763 1,469 - 20 36.7 10.6
FP: Flexible Panel SJ: Single Junction
RP: Rigid Panel TJ: Triple Junction

Table 5.14.: Approximated dimensions of the solar array, using different solar cells.

The rigid panel concept requires in total 37 panels of its maximum possible size (4×
12m), to meet the power demand. The mechanisms and supporting structure to deploy
and support all these panels will be significant. Even if the GaAs TJ cell are replaced by
the more efficient IMM TJ cells, still 31 panels will be required. The conventional rigid
panels are therefore considered to be impractical considering the mass and stowage
volume within the launch vehicle and thus the flexible panel concept is preferred.

The a-Si and CIGS cells are favorable from the mass and volume point of view. How-
ever, they require huge areas which have to be created by the deployable mechanisms.
For both concept (b) and (c), this seems to be highly problematic, since only very long
coilable booms (≥ 90.6m) can be considered in order to create the required area (see
figure 5.32). These booms are less stiff than a deployable truss structure and only one
boom of 10m has been flown in space [42]. Therefore, this option entails a relatively
high risk and is not deemed suited for the mission.

This leaves the GaAs TJ and IMM TJ as the final candidates, which can be incorporated
in concept (b) or (c). For concept (c) this would require a deployable truss with a length
of 61.2m for IMM or 73.5m for GaAs compared to 36.7m or 44.1m for concept (b). For
the maneuverability of the system it is advised to have a length to width ratio of 1:1.
Therefore concept (b) is preferred above concept (c). Also, the usage of IMM cells results
in a lighter and smaller design compared to GaAs. From this discussion and table 5.14
it can be concluded that the IMM TJ cells, incorporated into flexible blankets, are the
best option in combination with concept (b).
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5.4.6. Power Management and Distribution

The power generated by the solar array can be controlled with the Direct-Energy-Transfer
(DET) or the Peak-Power-Tracking (PPT) approach. In the DET approach, the solar
array is regulated by shunt regulators that are in parallel with the solar array. This Se-
quential Shunt Unit (SSU) controls the solar array current by shunting array strings and
therefore reducing the number of operational strings. In the PPT approach the opera-
tion point is regulated such that the current and voltage are located at the peak power
point of the I-V curve, irrespective of temperature variations.

For the mission a Direct Drive power processing Unit (DDU) is chosen as baseline (see
section 5.2.3). In a direct drive system, the power created by the solar arrays is directly
transferred to the Hall thrusters, which eliminates the need for voltage conversion. The
solar array is the current source (see section 5.4.4) and the Hall thruster is the load.
This load can be seen as an impedance and its V-I characteristic can be controlled by
adjusting the mass flow and magnetic field strength (see section 5.3.2). In case that the
Hall thruster has no mass flow, the impedance is infinitely high, which means that there
is an open circuit and the current is zero. When the mass flow is initiated and a plasma
is formed, a current can start to flow. This will be at the open circuit voltage point of
the solar array V-I characteristic. In order to move the operation point upwards, either
the mass flow needs to be increased or the magnetic field strength need to be decreased
or a combination of the two. In this manner the operation point can be shifted and the
thruster can be operated near the maximum power point (see figure 5.24). In case the
current and/or the voltage at this point is too high, the SSU can shunt solar array strings
and reduce the current and voltage of the operation point. Consequently, there is full
control in selecting the point of operation on the V-I characteristic and the operation
point can be selected at the maximum power point, just as with a PPT and without loss
of efficiency.
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Figure 5.24.: Operation point of the solar cell in combination with the Hall thruster
load.
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The starting up and shutting down of the the thruster, can also be explained with the aid
of these characteristics. Shutting the thruster down can be achieved by removing the
propellant flow at the anode of the thruster. Starting up the system is more problematic,
since the current cannot be easily turned on and off. Typically, the impedance of the
thruster temporarily drops when the initial ions are created. The resulting current surge
can collapse the array (0V) and potentially affect other components [60]. This needs to
be prevented by having the right startup method. One method to control the startup is
to slowly increase the anode flow rate during startup and additionally controlling the
magnet current [60].

This means that for the DDU principle, there are two ways in controlling the operation
point. Adjusting the Hall thruster mass flow and magnetic field strength is considered
to be a slow control loop, while the SSU can control the operation point in a quick man-
ner. The design of these loops shall be such that the two do not counteract each other.
Extensive testing is foreseen to obtain a reliable control philosophy for a controlled start
up and stable DDU operation. The Jet Propulsion Laboratory is currently performing
tests with a 10kW Hall thruster in a DDU set-up. The tests showed that Hall thruster
operation and control is simple and not much different than operation on conventional
power supplies [61].

Power Control Strategy

There are three strategies for controlling the Hall thruster and solar array output power
during the lifetime of the spacecraft:

• Constant Voltage

• Constant Current

• Peak Power Tracking (PPT)

The constant voltage and constant current strategy fall within the DET approach. This
type of regulation has an efficiency of approximately 99% [84]. The PPT approach will
result in a higher specific impulse and thrust, especially at the beginning of the mission.
The drawback of this power conditioning method, is the low efficiency of 93 to 96% [1]
and would therefore undo the high efficiency of the DDU. Therefore this way of power
conditioning is not desired and the DET approach is selected in combination with a
Sequential Shunt Unit (SSU), where the SSU has and efficiency of 99% [84].

The constant voltage control strategy fixes the specific impulse of the Hall thruster (see
equation 5.2). The solar array current output will decline during the mission due to so-
lar array degradation. To keep the voltage constant during the mission, the impedance
is increased by increasing the magnetic field strength or by reducing the mass flow.
This approach does not take advantage of all the available power, especially at BOL.
However, control of the operating voltage is possible (see figure 5.24), which enables
the possibility to select a higher operating voltage at BOL. Thus, the DDU can oper-
ate at the maximum power point [61], resulting in a higher specific impulse and thrust
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and consequently in a shorter trip time and reduction of propellant mass. This is based
upon the assumption that the thruster efficiency will vary little with a changing operat-
ing voltage.

The simplest strategy in terms of operation would be to select constant current, fixing
the propellant mass flow rate and the current. However, in this case both the specific im-
pulse and thrust vary, complicating the trajectory analysis in consequent design phases.
Also, in case the solar array can no longer support the total current due to degradation,
the system has to switch to a constant voltage approach. The constant voltage approach
thus simplifies the trajectory analysis (constant Isp) and enables the possibility to oper-
ate at higher power levels at BOL. These advantages make that the constant voltage
approach is selected.

Electric Power System Design

The power is controlled by DET in combination with an SSU (see figure 5.25). Since
the other subsystems within the SEP stage require a lower voltage for their electronics,
the power distribution is broken up into a high voltage bus and a low voltage bus. The
high voltage bus is directly connected to the Hall thrusters, which typically operate
in a voltage range of 300− 600V. The voltage the solar array has to provide at EOL
shall be 400V (see section 5.4.7). The high voltage bus is converted to the low voltage
bus by a DC-DC power converter in the PCDU, which is providing power to the other
subsystems, payload and to the magnet, heater and keeper supply of the thruster.
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DDU
SAW SAW
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TT&CGNC
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Thrusters
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BCR   –  Battery Charge Regulator
BDR   –  Battery Discharge Regulator
DC/DC –  DC/DC converter unit
GNC –  Guidance, Navigation & Control
OBDH –  On-Board Data Handling
PCDU –  Power Control and Distribution Unit
PMA –  Propellant Management Assembly
SADM –  Solar Array Drive Mechanism
SAW  –  Solar Array Wing
SSU   –  Sequential Shunt Unit
TT&C –  Telemetry, Tracking & Command
XFC –  Xenon Flow Controller
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Command & Telemetry
Propellant

50 V Bus

PMA

Figure 5.25.: Schematic of the electric power system.
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For the low voltage bus a voltage level needs to be chosen. Typical bus voltages are 28,
50, 70, 100 and 120V. A higher bus voltage, results in a reduction of the harness mass
and conversion losses, on the other hand it increases the battery mass and volume sig-
nificantly. As a consequence, studies showed that a 100V bus is not significantly lighter
than a 50V bus [6]. Commonly, low power spacecrafts have a bus voltage of 28V, thus
such a buss will allow the usage of existing spacecraft components without the need to
re-design them for higher voltage levels. Also, the magnet, heater and keeper supply of
the thruster operate typically at 20V [31], although their designs can be modified to op-
erate at higher voltage levels [60]. However, recently voltage buses of 50V are adopted
more and more due to increasing power demands of (telecommunication) satellites.
Therefore the amount of available systems for this voltage level will increase and 50V

bus is chosen as a baseline. More information about the bus systems and their operation
voltage is required to make a final decision, so the possibility to change to a 28V is left
in the open. At this point the decision is considered to be less important, since the low
voltage bus only uses approximately 5% of the total power demand. It is also chosen
to have a fully regulated low voltage bus, such that the mass and power estimate of
the secondary bus is conservative. The efficiency of the PCDU during sunlight phase is
estimated at 94% and during eclipse, when the batteries are discharged, at 90% [3]. The
complete electric power system schematic can be seen in figure 5.25.

During operation, a Hall thruster produces current oscillations with typically frequen-
cies of around 10 to 30kHz [1]. These oscillations, in combination with the direct connec-
tion to the solar array, can potentially cause power stability issues. These instabilities
need to be compensated by using a filter, which incorporates an appropriately sized ca-
pacitance with possibly some additional filtering. This isolates the thruster oscillations
from the power bus and the arrays and therefore not affect the operation of the solar
array [60] [61].

The thruster control unit of the DDU provides an interface between the On-Board Data
Handling and the heater, keeper and magnet supply and the Xenon Flow Controller.
The latter unit controls the mass flow to the anode and cathode separately, which is
required to operate the cathode during eclipse and for added control during startup.

Subsystem Power (W)

Thermal Control 320

Attitude, Orbit and Control System 90

On-Board Data Handling 63

Telemetry, Tracking and Command 105

Payload 1,000 (TBC)

Table 5.15.: Power demand of the subsystems and payload, including margins.

The power demand of all the subsystems can be seen in table 5.15. The total power
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demand of the thrusters is 529kW, of which the heater, keeper and magnet require
3% (see section 5.3.8). A 10% margin is included on this power, since the thruster is a
further development of an existing one, changing the power demand to 582kW. During
eclipse, the thruster cathodes are still operated and require in total 2.6kW (see section
5.3.3). The power that has to be provided by the solar array during the sunlight and
eclipse phase can be seen in table 5.16 and is divided into two operation modes:

• Mode 1: The SEP stage is in the Sun and the solar arrays provide power to the
High Voltage Bus (HVB) and Low Voltage Bus (LVB). The DDU requires power
both from the HVB, for the thruster discharge, and the LVB, for the heater, keeper
and magnet supply.

• Mode 2: The SEP stage is in eclipse and the battery provides power to the Low
Voltage Bus (LVB), thus only the LVB is operating. The heater is in operation to
keep the spacecraft above 0◦C and the thruster cathodes are operating to keep the
engines in quick start mode and to prevent spacecraft charging.

Mode 1 Mode 2

HVB LVB LVB

PDDU (kW) 564 17.5 2.6

PSubsystems (kW) - 1.3 1.6

Prequired (kW) 564 18.7 4.2

ηSADM (%) 99 99 -

ηSSU (%) 99 99 -

ηfilter (%) 100 - -

ηharness (%) 99.5 99.5 99.5

ηPCDU (%) - 94 90

ηBattery−charge (%) - - 97

ηBattery−discharge (%) - - 90

ηtotal (%) 97.5 91.7 78.2

Margin (%) 0 20 20

Ptotal−required (kW) 578 24.5 6.4

Table 5.16.: Efficiencies and power demand of the different parts within the EPS
system during Sun and Eclipse.

For the LVB, an additional margin of 20% to the power demand is applied, as according
to the margin philosophy [75]. On the HVB, no extra margin is applied, which is con-
tradictionary to the philosophy. The HVB is consisting only out of the power demand
from the thrusters, which is derived from the thrust. The thrust is again derived from
the initial mass, which already has a 20% margin on subsystem level. This indicates
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that there is already a margin included on the thruster power, due to the margins on the
mass. Besides, the power demand from the thrusters is derived from physics, so it is
expected that the eventual power demand is not much different and no additional mar-
gin is included. The total required power for the different modes, including a margin
Ma, is calculated with:

Ptotal−req =
Preq

∏(ηi)
Ma. (5.31)

The batteries supply the stage with power during eclipse and need to be charged during
the sunlight phase. Thus the solar array has to provide this extra power for charging.
The power, in kWh, that should be provided during sunlight or eclipse, can be deter-
mined by:

Psunlight = Pmode1tsunlight. (5.32)

Peclipse = Pmode2teclipse. (5.33)

The power that shall be generated by the solar array, can be calculated with the follow-
ing formula:

PSA−required =
Ptotal

torbit
. (5.34)

At low orbits, the eclipse and sunlight duration is shorter than at higher orbits. The
sizing case for the solar array is at LEO (not LLO), while the sizing case for the battery
capacity is at high Earth altitudes. The impact on the power demand can be seen in
table 5.17, which shows that the power produced by the solar arrays should be at least
607kW at EOL and the battery capacity 19.9kWh.

Altitude (km) 500 300,000

Sunlight duration (hrs) 0.98 465.6

Eclipse duration (hrs) 0.59 3.10

Orbit duration (hrs) 1.57 468.7

Power Demand

Psunlight (kWh) 590.6 280,750

Peclipse (kWh) 3.8 19.9

Ptotal (kWh) 594.4 280,770

Solar Array Power Production Required

PSA−required (kW) 606.8 603.0

Table 5.17.: The amount of power that the solar array needs to generate.
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The second sizing case of the battery occurs when the SEP stage is launched. During
this time until the unfolding of the solar array, the battery has to provide enough power
to the spacecraft. This sizing case is not treated here, since in the current design phase
too much is unknown about this procedure and its required power. Therefore, it has to
be analyzed in future design phases.

In the requirements definition, it was suggested also to provide thrust during eclipse.
In this case, the batteries should store around 2140kWh. If an lithium-ion battery is
selected and a very optimistic energy density of 250Wh/kg [1] is assumed, a total battery
mass of 8.6ton would be required, which is almost 50% of the total subsystems mass.
Obviously, this mass is too high and their is no increased performance due to the high
mass increase and thus it is chosen not to fire the thrusters in eclipse.

For the battery, current state of the art lithium-ion batteries are selected, due to their
high specific energy and high energy density. The space qualified rechargeable VES-
180 lithium battery of SAFT is chosen [87], which has to provide an operating voltage
of 50V. As a result, 20 cells are required in series and in total 160 cells are needed to
provide a capacity of 28.8kWh, with a total mass of 195.4kg (see table 5.18).

Battery SAFT VES 180 Li-Ion

PBattery−required (kWh) 19.9

Nominal voltage (V) 3.6

Lowest discharge voltage (V) 2.57

Nominal capacity (Ah) 50

Diameter (mm) 53

Height (mm) 250

Mass (kg) 1.11

Cells in series 20

Parallel strings 8

Number of cells 160

Min. Operating voltage (V) 50

Max. Operating voltage (V) 72

Max. storage capability (kWh) 28.8

Volume, with 10% margin (m3) 0.0971

Mass, with 10% margin (kg) 195.4

Table 5.18.: Battery required to power SEP stage during eclipse.

For the PCDU one of the modular approaches of Astrium, Terma Space or Thales Alenia
should be adopted. During the LEO sunlight phase, the PCDU has to regulate a maxi-
mum amount of power of 36.5kW. Currently, the highest power PCDU is from Thales
Alenia and can regulate 21kW [88]. When this unit is scaled up, it can be concluded that
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a mass of 97.9kg and a volume of 0.15m3 should be sufficient to provide a PCDU with
a DC/DC converter, BCR and BDR regulator at an operating voltage of 50V. Both the
mass and volume include a margin of 10%.

There are two SSUs to switch solar array strings and control in total a maximum power
of 1,138kW (see section 5.4.7). The SSU with currently the highest power level is the
one of ISS, which can control 38.5kW and has a mass of 84.4kg. In case this is scaled up
for the SEP system, the expected SSU mass should be around 2,744kg with an estimated
volume of 4.6m3, both including a 10% margin (see table 5.19).

PCDU SSU

Maximum operating power (kW) 36.5 1,138

Specific volume (m3/kW) 0.0037 0.0037

Volume, with 10% margin (m3) 0.15 4.6

Specific mass (kg/kW) 2.44 2.19

Mass, with 10% margin (kg) 97.9 2,744

Table 5.19.: Mass and volume estimations for the PCDU and SSU.

At this stage of the design it is challenging and unrealistic to determine the harness
mass. Therefore, the margin philosophy of ESA prescribes that the harness mass shall
be considered to be at least 5% of the total subsystems mass [75]. Since the mission
is requiring a substantial amount of power, it is chosen to doulbe the fraction to 10%
of the total subsystems mass. This also includes harness for the transfer of data and
communication signals. The total harness mass will be given in the final mass budget
(see section 6.2).

5.4.7. Solar Array Design

Now that the required power demand is known and the solar cell and array concept
are selected, the complete solar array can be designed. Currently, there are no existing
commercial IMM cells and such their performance is derived from experimental data,
coming from reference [58], [37] and [38]. Companies are developing commercial ver-
sions of the IMM, which are expected to come available in the next couple of years [38].

Flexible solar panels can be stored in a rolled or folded configuration. In the folded
configuration there is more freedom in selecting the cover glass thickness and solar cell
substrate compared to the rolled configuration [36]. Embedding the cell within a cover
glass is used to reduce the total radiation dose on the cells. Typically, GaAs TJ cells
are embedded in 100 or 125 µm thick cover glass. However, due to the multiple passes
through the Van Allen belts, the effect of the radiation on the solar cell performance was
higher than expected. Therefore it was chosen to take a thicker cover glass of 250 µm.

The chosen solar cell is the IMM4J cell from reference [37], which is engineered with a
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radiation-resistant structure. As a result, the estimated performance loss due to a ra-
diation flux of 16.35 ·1014 MeV/cm2 and 21.13 ·1014 MeV/cm2 (see section 4.4), is on the
current 0.98 and on the voltage 0.95 respectively (see table 5.20). The temperature co-
efficients are from reference [38], although no information is given how the coefficients
change under the influence of radiation, therefore an estimate is made based upon the
similarity with GaAs triple junction cells.

Characteristic BOL ηrad EOL

Cell area (cm2) 27.6 - -

Cell length (cm) 6.3 - -

Cell width (cm) 4.6 - -

ηcell (%) 34.5 0.93 32.1

Isc (mA) 468.4 0.98 459.0

Imp (mA) 429.5 0.98 420.9

Vmp (mV) 3000 0.95 2850

Voc (mV) 3236 0.95 3074

dIsc/dT (mA/K) 0.163 1.29 0.21

dImp/dT (mA/K) 0.163 1.23 0.2

dVmp/dT (mV/K) -6.44 1.07 -6.9

dVoc/dT (mV/K) -6.44 1.06 -6.8

Table 5.20.: Characteristics of IMM4J solar cell [37] [38] and radiation impact (see
section 4.4).

The pointing accuracy of the solar arrays is assumed to be ±5◦ of the desired position.
The beta angle is at maximum 5◦, which also causes a loss. Other degradation factors
that influence the array performance are cell mismatch, micrometeoroids and debris
impacts. Also a random loss factor is included that covers losses due to bypass diode
failure and thermo-elastic stress cycles [6]. All the different losses on the current and
voltage can be seen in table 5.21.

Current losses Voltage losses

Characteristic ηCLi BOL/EOL ηVL BOL/EOL

Cell mismatch 0.99 BOL - -

Off-pointing error loss 0.996 BOL - -

Beta angle loss 0.996 BOL - -

Plume impingement 0.98 EOL 0.99 EOL

Micrometeorites 0.98 EOL - -

Random loss 0.97 EOL - -

Table 5.21.: Current and voltage losses on the solar cell [6].
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The EOL current of one cell is then the product of all the losses, multiplied by the radi-
ation loss and cell current at BOL. The same applies for the voltage, which is expressed
in the following formulas:

IEOL = ∏
(
ηCLi

)
ηradIBOL. (5.35)

VEOL = ηVLηradVBOL. (5.36)

The performance of the cell under different temperature conditions can be calculated
with equations 5.27 to 5.30. The solar array hot case and cold case are 106 ◦C and
−193 ◦C, respectively (see section 5.6.1). With this information, the performance of the
cell at BOL, EOL and under different operation temperatures are completely known
(see table 5.22). Therefore, different solar array designs can be evaluated to come to a fi-
nal selection. It is required that the solar array produces 606.8kW under hot conditions
at EOL.

Cold case Hot case

Characteristic BOL EOL BOL EOL

Isc (mA) 424.64 377.51 472.50 434.96

Imp (mA) 386.39 344.62 434.26 399.33

Vmp (mV) 4423.2 4331.2 2497.7 2288.7

Voc (mV) 4659.2 4531.2 2733.7 2518.4

Table 5.22.: Performance of a single solar cell under different temperature conditions
for BOL and EOL.

Solar cells of neighboring strings should have the same electric potential to limit arcing.
The length of a string is shorter than the width of all the strings combined. Therefore,
the strings are placed in the flight direction of the stage. They will be subject to erosion
caused by the thruster and thus require a number of redundant strings. In order to
keep the blankets equal in design, one redundant string per blanket is chosen, having
a total of four redundant strings that compensate for the performance loss due to ion
impingement (see section 5.3).

Due to the placement of the strings, the required voltage level determines the width
of one blanket. The length of the blanket can then be determined in combination with
the total power requirement. For attitude control considerations, it is advisable to keep
the length and width of one complete SAW in the same order of magnitude. Also, the
length of deployable structures is taken into consideration together with the voltage
that is required for Hall thrusters. High power Hall thrusters typically operate in a
voltage range of 300− 600V. The blanket dimensions for different operation voltages
can be seen in table 5.23, while the SAW dimensions are two blankets placed side-by-
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side (see concept (b) of figure 5.23).

Characteristic 300V 400V 500V

Blanket width (m) 6.1 8.1 10.1

Blanket length (m) 84.5 63.3 50.7

SAW width (m) 12.2 16.2 20.2

SAW length (m) 84.5 63.3 50.7

Length:width 6.9:1 3.9:1 2.5:1

Voc,BOL−cold (V) 615 815 1,020

Table 5.23.: SAW dimensions, without deployable truss, for different operational
voltages.

The maximum allowable length of the blanket is 10m, which is slightly violated by a
500V bus. However, more important is the open circuit voltage when the solar array
is coming out of eclipse and thus in the cold state of approximately −193 ◦C (see table
5.23), since the Hall thruster has to provide stable operation at this high voltage level.
The selected NASA-457M is tested for operation voltages up to 650V and is expected
to allow for stable operation up to 1000V [65]. A 500V bus therefore slightly violates
this requirement and is not selected, leaving the 300V and 400V bus as the remaining
options. The 300V bus requires a very long deployable boom (84.5m), which can only
be achieved by a not very stiff coil-able boom. Besides, the length to width ratio is 6.9:1,
which is not beneficial for the AOCS. The 400V bus has a maximum open circuit voltage
of 815V, length of 63.3m and a length to width ratio of 3.9:1. This length allows for the
usage of a deployable truss structure and as conclusion, the 400V bus is selected. The
bus requires 175 cells in series and in total 3,804 parallel strings (4 redundant strings
included) to produce the required power of 606.8kW at EOL. The characteristics of the
complete solar array under different temperature conditions at BOL and EOL can be de-
termined (see table 5.24) and the corresponding V-I and V-P characteristics are created
(see figure 5.26 and 5.27).

Cold case Hot case

Characteristic BOL EOL BOL EOL

Isc (A) 1615.3 1436.1 1797.4 1654.6

Imp (A) 1469.8 1310.9 1651.9 1519.1

Vmp (V) 774.1 758.0 437.1 400.5

Voc (V) 815.4 793.0 478.4 440.7

Pmp (kW) 1,138 993.6 722.0 608.4

Table 5.24.: Performance of the complete solar array under different temperature
conditions for BOL and EOL.
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Figure 5.26.: Voltage-current characteristic for the Solar Array at BOL, EOL and for the
hot and cold case.
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Figure 5.27.: Voltage-power characteristic for the Solar Array at BOL, EOL and for the
hot and cold case.

The dimensions of one solar array blanket can be specified by taking the size of the
solar cell (see table 5.20) and including spacings for fold lines and neighboring strings.
This spacing between the solar cell strings is required in order to prevent arcing in case
the potential difference of adjacent cells is high. Theoretically, the maximum poten-
tial difference occurs when a single string is shadowed and the neighboring string is
fully operational, resulting in a maximum potential difference of 400V. The dielectric
strength of 25 µm thick Kapton is about 256.1 ·106 V/m [6] and thus a spacing of at least
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1.56mm is required to avoid arcing. The spacing for the fold lines is estimated at 1.8cm

and the number of strings per section at nine. As a result the total length of a single
blanket is 63.3m (see table 5.25). To validate the design, a check is made by considering
the panel packing factor, Fpp, which is calculated by:

Fpp =
NcellsAcell

Atotal
. (5.37)

Typically, the panel packing factor for a solar array is equal to 0.9 [57], which is also the
result for our designed solar array.

Solar Array Blanket

Cells in string 175

String length (m) 8.05

Parallel strings 951

Length blanket w/o spacing (m) 59.9

String spacing (mm) 1.6

Fold line spacing (cm) 1.8

Strings per section 9

Total spacing length (m) 3.43

Section width (m) 0.6

Total length single blanket (m) 63.3

Panel packing factor 0.9

Table 5.25.: Dimensions of one solar array blanket.

The high operating voltage of the solar array gives rise to spacecraft charging and
arcing. Ground tests of the solar array at these high voltage are required to identify
problems concerning arcing and potential charging and apply design changes where
needed. Also, tests should be done to determine the lifetime of the solar array under
high voltages in the space environment.

Layer Thickness (µm) Density (g/cm3) Mass (g)

Cover glass 250 2.605 1.797

Cover glass adhesive 20 1.08 0.0596

IMM4J cell 20 0.012 0.331

Cover glass adhesive 20 1.08 0.060

Cover glass 250 2.605 1.797

Kapton substrate 25 1.42 0.098

Total 585 4.143

Table 5.26.: Configuration of the solar cell layers and their properties.
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The solar cell is build up in layers, with the substrate functioning as the base of the
flexible blanket. The selected substrate is Kapton with a thickness of 25 µm [6] [20]
and the IMM4J cell is embedded in 250 µm thick cover glasses for protection against
radiation. The density of an IMM solar cell is not specified, therefore it was estimated
by taking the density of a GaAs TJ cell of 140 µm, 84mg/cm2, and reducing the thickness
to 20 µm, resulting in an estimated density of 12mg/cm2. The resulting total mass of
the solar cell is estimated at 4.14g (see table 5.26). The blanket mass is determined by
multiplying the cell mass with the number of cells. The final dimensions and mass of a
single blanket can be seen in table 5.27.

Characteristic Solar array blanket

Width (m) 8.05

Deployed length (m) 63.3

Area (m2) 509.9

Stowed length (m) 0.6

Stowed height (m) 0.25

Stowed volume, with 20% margin (m3) 1.44

Mass, with 20% margin (kg) 827.5

Table 5.27.: Specifications of a single solar array blanket.

The deployable structure in between the solar array blankets has to provide stiffness to
the complete wing, of which the selection is done in section 5.5.5. A tension mechanism
is to supply tension to the blanket as it reaches complete deployment. This mechanism
also has to keep the blanket level when the solar array comes out of eclipse and thermal
snap occurs, which has to be evaluated in subsequent design phases. The entire wing
is tied structurally to the transverse boom by means of the canister and SADM.

5.4.8. Electric Power System Results

The Electric Power System is described in detail throughout the sections 5.4.1 to 5.4.7.
The resulting volume and mass estimates can be seen in table 5.28. Note that the DDU
and its components is included in the propulsion mass budget.

Component Volume (m3) Mass (kg)

2xSAW 5.7 3,310

2xSADM 0.6 487.0

2xSSU 4.6 2,744

PCDU 0.15 97.9

Battery 0.10 195.4

Total EPS 11.3 6,834

Table 5.28.: Mass and volume budget of the EPS, including margins.
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5.5. Configuration, Structures & Mechanisms

All the spacecraft components need to be arranged into a suitable configuration. This
is performed by first identifying configuration driving components, followed by a dis-
cussion of different mechanisms. Then a structure design model is introduced to size
all the different structures. Finally, within the results, a configuration is suggested, the
whole structure and mechanisms are selected and sized accordingly the models.

The Configuration, Structures and Mechanisms have to comply with the following re-
quirements:

Mission Requirement Created

5.2 The transfer stage and cargo shall be launched separately. Sec. 4.3.2

6. The transfer stage shall dock and un-dock with the cargo, depend-
ing on the mission architecture.

Sec. 2.2

System Requirement Created

2.3.1 To limit the plume impingement, the thrusters shall be placed in
line with the solar array width.

Sec. 5.3.3

6. The transfer stage shall provide a separation mechanism from its
payload. Due to stage reusability, this shall be a docking mecha-
nism to dock and un-dock with the payload.

Sec. 2.2

6.1 The docking mechanism shall provide propellant transfer. Sec. 5.2.1

6.1.1 At a pressure of 12MPa. Sec. 5.3.6

10.2 The docking mechanism shall provide power transfer between the
payload and SEP stage.

Sec. 5.4.6

11. The transfer stage’s configuration should be such that the direct
impingement of the thrusters’ exhaust on the solar arrays is lim-
ited (TBD).

Sec. 2.2

12. The configuration shall be such that the antennas, thermal radi-
ators, solar panels and the docking mechanisms have a unob-
structed field of view.

Sec. 5.5

13. The structure shall be rigid enough to withstand the launch loads
and the frequencies that are imposed by the launcher.

Sec. 5.5

13.1 The structural design shall aim for simple load paths and maxi-
mize the use of conventional materials.

Sec. 5.5

13.2 The structure shall protect all systems, excluding solar array and
radiators, to the radiation and debris of the space environment.

Sec. 5.5

13.3 The structure shall fit into the adjusted Falcon Heavy fairing,
with inner diameter of 4.6m, cylindrical height of 12.4m and to-
tal height of 16.6m.

Sec. 5.5

14. The deployable mechanisms shall be designed to withstand a nat-
ural frequency of 0.1Hz (TBC) in the deployed state.

Sec. 5.5
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5.5.1. Configuration driving components

The preliminary system baseline, suggested two possible system arrangements (system
arrangement (c) or (d), see figure 5.4 and 5.6). As stated, the payload and SEP stage are
launched separately, therefore the focus in this section will be on the SEP stage.

In order to avoid large structural stresses during launch and, consequently, a heavy
structure, the center of mass should be located as close as possible to the launcher
adapter. The driving components are therefore, primarily, the components that have
a high mass. Secondly, the size of components are important in order to compose a
suitable configuration. The following driving components are identified:

• Propellant tank, mass of > 8ton.

• Solar Array Wings assembly, mass of 3.8ton and considerable dimensions.

• Canister length of the solar array deployable boom, which is 2.2m (see section
5.5.5).

• The EPS power conditioning equipment, e.g. the SSU, mass of > 2.8ton.

• Thrusters and DDU, mass of 1.2ton.

• Radiators, mass of 0.9ton.

The propellant tank is the heaviest component during launch and is therefore located
directly above the launcher adapter. The tank has a radius of 1.14m, while the fairing
has a radius of 2.3m. Therefore, around the tank there is sufficient space to place the
electronic equipment of the avionic bay. This means that configuration (c) of figure 5.4
is selected, where it has to be noted that the tank is placed inside the avionic bay.

Above the tank and avionic bay, the next heaviest element is placed, which is the solar
array wing assembly. The deployable boom of the solar array is stored inside a canister,
which has a length of 2.2m. Due to this length, the two SAWs can not be placed on the
same rotational axis, since it would require a fairing with a diameter larger than 4.4m.
Therefore the SAWs have to be placed off-axis, side by side.

On top of the SAWs, the engines and radiators are located. They have to be supported
by a structure that goes around the SAWs. It is chosen to place this supporting structure
along the longitudinal axis of the spacecraft, such that it can be connected to the load
carrying structure of the tank and in this way transfer the loads to the adapter. The
suggested configuration can be seen in figure 5.28.
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Figure 5.28.: The configuration of the SEP stage with a front view (left) and isometric
view (right).

5.5.2. Deployment Mechanisms

Structural deployment technologies are evaluated for usage on the SEP stage. These
technologies can separate the engines from the rest of the vehicle and/or for deploy
the solar array. Especially for solar arrays, deployment technologies can potentially
save significant amount of volume, since a common rigid panel is typically 2cm thick.
Therefore, flexible panels in combination with deployment technologies are studied for
the design. Relevant deployment technologies that are currently available and have a
TRL of ≥ 6, are [34] [42]:

• Inflatable booms

• Telescopic booms

• Shape memory composites booms

• Articulated booms

• Deployable truss structures

• Coil-able booms

Inflatable booms are unfolded by inflation and need to be rigidized after deployment
in order to ensure a longer lifetime. These booms cannot deploy heavy structures, have
a low deployment accuracy and low stability. The main advantage is that they are
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extremely lightweight and have a very high packaging ratio [42].

The telescopic boom consist of a series of thin-walled cylindrical tubes that are nested
inside one another and can be extended (see figure 5.29). They are precise, stable and
more stiff compared to the inflatable booms. However, they are considerably heavier
and have a relatively low packaging ratio [42] [43].

Figure 5.29.: A telescopic boom (left) [42] and a shape memory composite boom
(right) [43].

A shape memory composite boom (see figure 5.29) is a thin-walled tubular boom that
makes use of the elastic deformability of thin-walled shells. The booms are typically
made out of stainless steel, Copper-Beryllium or Carbon Fiber Reinforced Plastic (CFRP)
composites and are flattened and rolled up in their stored configuration. The advantage
of this technology is the low weight and the low power which is required for deploy-
ment. In spite of these advantages, they have a relatively low deployment accuracy,
cannot deploy heavy structures and have a low stability [42] [43].

Articulated booms consist out of solid booms with multiple motorized joints, like the
robotic arm of the ISS. The advantage of such a deployment system is the flexibility in
moving, even when the solar array is deployed. In theory, it could cancel out the β -solar
angle. However, this system is the heaviest of all considered mechanisms and also has
the lowest packaging ratio [42].

A truss structure can be made foldable by having a number of pinned joints instead of
rigid joints and by replacing the diagonal members with cables. Multiple deployable
truss structures exist, like the tensegrity mast, the Folding Articulated Square Truss
(FAST) and Able Deployable Articulated Mast (ADAM) [42]. To prevent a too thor-
ough discussion on all the possible options, only the structures with a TRL of ≥ 6 are
considered, which are the FAST and ADAM system.

The FAST mast (see figure 5.30) has hinges along the four longitudinal booms, called
the longerons, and two pairs of diagonal cables on each side of a module. The cables
are prestressed by four lateral bows, which can bend to make the cables slack and fold
the truss. Eight FAST masts are used on the ISS, with a diameter of 1.09m and a length
of 34.75m. The canister, in which the folded truss is stored, is 2.3m long [43] [34]. One
ISS mast deploys and provides structural strength to one complete solar array wing.
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Figure 5.30.: The principle of the FAST mast (left) and the truss in a deployed state
(right) [43].

The ADAM mast (see figure 5.31) has a longeron, which is pinned together to obtain a
complete module. The diagonal cables latch to stiffen each module once deployed. The
truss has a low eigen frequency of around 0.1Hz [42] and the bending stiffness of the
system can be adjusted by changing the mass. This type of truss was flown on a Space
Shuttle STRM mission (2000) and on the NuSTAR mission (2012). The ADAM mast on
the STRM mission had a diameter of 1.12m, a stowed height of 1.42m, canister length
of 2.92m and a total deployed length of 60m [43]. This truss is the longest deployable
mast ever flown in space [34], since the NuSTAR mast is only 10m long.

Figure 5.31.: To the left the ADAM truss [43] and to the right a coil-able boom [42].

Coil-able booms are comparable to deployable truss systems, with the main difference
that the longeron is running over the full length. When stowed, the longeron is coiled as
a spring which provides the energy necessary for their deployment. This configuration
makes the tip of the boom rotate during deployment, an issue which is not present in the
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ADAM boom. The storage is very compact and the stiffness and weight can be chosen
by modifying the boom’s diameter. The resulting mast is less stiff than an ADAM truss.
This technique can potentially achieve the longest possible deployable boom of about
100m [42].

Figure 5.32.: Characteristics of deployable systems: boom diameter (left) and
packaging ratio (right) as function of deployable length [42].

Every discussed boom type has different characteristics of which the most important are
the deployable length, boom diameter, mass, packaging ratio and bending stiffness (see
figure 5.32 and 5.33). The packaging ratio is the stored length divided by the deployed
length. The stored length is equal to the canister length in which the deployment sys-
tem is stored. Together with the diameter they make up for the total volume that needs
to be accommodated on the spacecraft [42]. The bending stiffness describes how much
deflection could occur at the tip of the boom under certain stress conditions, e.g. dock-
ing loads and vehicle acceleration. These types of deployable booms are usually less
stiff in bending than they are in torsion and under axial loading [42].

Figure 5.33.: Characteristics of deployable systems: boom mass (left) and bending
stiffness (right) as function of deployable length [42].

As stated, due to the launcher volume limitations, these technologies need to be con-
sidered to enable the mission objectives. The most important characteristics of these
deployable technologies are therefore the boom diameter, packaging ratio, mass, de-
ployable length and TRL (see table 5.29), which are used for later trade-offs.
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Inflatable booms 1.6-28 0.04-0.5 0.018-0.028 2.2-25 7

Telescopic booms 3.8-7 0.15-0.65 0.075-0.16 10-200 8

Shape memory composite booms 1.5-18 0.01-0.24 0.018-0.072 0.18-4.2 6

Articulated booms 9-22 0.19-0.43 0.24-0.6 40-3400 9

Deployable truss structures 8-68 0.6-1.4 0.042-0.14 28-1040 9

Coil-able booms 1-100 0.1-0.72 0.02-0.04 0.9-20 9

Table 5.29.: Characteristics and performance of different deployment technologies [42].

Most of the expertise for these deployment structures can be found in the American or
Japanese industry. Articulated booms are under study for space applications in Europe,
but are at a TRL of 4. Regarding deployable truss structures or coil-able booms, there
is no expertise available in Europe. On the other hand, there is experience in Europe
considering the inflatable and shape memory composite booms [42].

5.5.3. Docking Mechanism

A docking mechanism is required to make the system reusable and enables the SEP
stage to perform the mission multiple times. The mechanism shall provide an mechan-
ical interface between the payload and SEP stage and is able to transfer propellant,
power and data.

Within a docking procedure, there is typically an active vehicle and a passive vehicle.
The active spacecraft makes the approach and docks, while the passive vehicle can be
cooperative or non-cooperative during the docking. Cooperative means that the space-
craft is capable of maintaining its attitude, while for a non-cooperative system it can
not. Logically, the active vehicle is the most agile spacecraft, which is in our case the
payload and thus the SEP stage is passive. Also, due to the magnitude of the SEP stage,
it is deemed necessary that it maintains its position and is thus cooperative during the
docking procedure.

For all docking maneuvers, the solar arrays will be deployed. The deployment of the
solar array after launch, is required to fire the thrusters and cancel out any rotation
rate or axis off-pointing caused by the launcher. Due to the fact that the stage is in the
deployed configuration, missing the docking mechanism will most probably result in
a collision with the spacecraft and thus the risk involved is relatively high. However,
the heritage concerning docking is substantial and therefore no significant problems are
expected.



5. Stage Design 122

Their is an international effort between NASA and ESA to develop an international
docking system, called International Berthing and Docking Mechanism (IBDM), that
should be operational on the ISS in 2014 [91]. This docking system provides a mechan-
ical connection and is able to transfer propellant, electric power and data. The system
is therefore able to fulfill all the SEP requirements and is therefore selected (see table
5.30).

Figure 5.34.: The IBDM in a deployed
configuration [90].

IBDM

External diameter (m) 1.485

Height (m) 0.437

Volume (m3) 0.757

Mass (kg) 340.2

Table 5.30.: Specifications of the International
Berthing Docking Mechanism [90] [91].

5.5.4. Structure design model

The structure has to withstand all mechanical loads the spacecraft encounters during
its lifetime and provide support to all the components. The spacecraft’s most severe
mechanical loads are experienced during the launch, in which the supporting structure
has to provide enough strength. A simple analysis is performed to size the primary
load carrying structure, by taking into account the stiffness, strength and buckling. For
further design phases, once the baseline layout is consolidated, it is advised to per-
form finite-element-methods, which is a very complex and time consuming analysis,
but offers a more accurate and optimized result. For the preliminary design phase, it is
important to asses the structural mass in a fast manner and such a tool within EXCEL

is created and a simple analysis is performed. This tool computes the required wall
thickness of the different spacecraft’s elements, by considering the strength, stiffness
and buckling of the structure. From the resulting required wall thickness, the overall
mass can be calculated.

Load Bearing Cylinder

The basic load carrying structure, which is connected to the launcher adapter, consists
out of a thin-walled cylinder. On top of the cylinder, masses are attached that consists
out of the solar array wings and thrusters. The cylinder is modeled as a cantilever beam
with a mass on top. The cross-sectional area and moment of inertia of a thin-walled
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cylinder is equal to:

Acylinder = 2πrt. (5.38)

Icylinder = πr3t. (5.39)

Where r is the radius and t is the wall thickness, both in m. The mass of the thin-walled
cylinder can be calculated by:

mcylinder = ρAl. (5.40)

Where ρ is the density of the chosen material in kg/m3. The cylinder is modeled as a
mass carrying cantilevered beam (see figure 5.35).

m

mc, E, I, Al

Figure 5.35.: Mass carrying cantilevered beam.

The launcher imposes certain frequencies on the spacecraft and the first lateral and axial
mode frequencies of the spacecraft have to be above this threshold. The lateral and axial
frequency, flat and fax, of the beam can be calculated by [3]:

flat = 0.276

√
EI

ml3 +0.236mcl3
. (5.41)

fax = 0.160

√
AE

ml+0.333mcl3
. (5.42)

Where E is the material’s Young’s modulus, m the mass on top of the cylinder and
mc the mass of the cylinder. The minimum required thickness of the cylinder can be
determined by using equations 5.38 to 5.42:

tlat−min =

(
ml3 +0.236mcl3

πr3E

)(
flat

0.276

)2

. (5.43)

tax−min =

(
ml+0.333mcl

2πrE

)(
fax

0.160

)2

. (5.44)

The outcome that has the largest thickness, is the dimensioning case and, hence, se-



5. Stage Design 124

lected. The next step is to evaluate the strength of the cylinder with the obtained wall
thickness. The sizing case again occurs during launch, where the acceleration factors
are largest. The maximum lateral and axial force can be calculated by:

Flat = (m+mc)gNlat. (5.45)

Fax = (m+mc)gNax. (5.46)

Where Nlat and Nax are the maximum acceleration factors occurring during launch. The
lateral force introduces a bending moment, M, which is of importance for the stress in
the structure:

M = Flatlcg. (5.47)

Where lcg is the length to the center of gravity, measured from the bottom of the cylinder.
It can be determined with:

lcg =
ml+ 1

2 mcl
m+mc

. (5.48)

The axial and bending stress imposed on the structure can be calculated with [3]:

σax =
F
A

=
Fax

2πrt
. (5.49)

σbend =
Mr
I

=
M

πr2t
. (5.50)

A summation of both stresses, results in the maximum possible stress:

σmax = σbend +σax. (5.51)

The maximum stress occurring in the structure is compared with the allowable stress of
the material and expressed with the margin of safety, MS [3]:

MS =
σallow

FSσmax
−1 > 0. (5.52)

Where FS is a factor of safety. The margin of safety has to be above zero in order to
guarantee that the load bearing structure has enough strength. When this is not the
case, the wall thickness has to be increased until this requirement is met.

The last possible failure mode of the structure can occur due to buckling in the thin-
walled cylinder. For the cylinder, an isotropic material should be used and thus the
buckling theory for isotropic materials is applied. The buckling stress for a cylinder
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under axial compression can be calculated with [3]:

σallow,buck =
γE√

3(1−ν)

t
r
. (5.53)

Where ν is the Poisson’s ratio, depending on the chosen material. The reduction factor,
γ , is used to correlate theory to test results and depends on a geometric parameter,
ϕ . The geometric parameter, for a wall thickness ratio (r/t) smaller than 1,500 and a
slenderness ratio (l/r) smaller than five, can be determined by [3]:

ϕ =
1
16

√
r
t
. (5.54)

γ = 1−0.901
(
1− e−ϕ

)
. (5.55)

In case the maximum stress (equation 5.51) is higher than the allowable buckling stress,
the wall thickness has to be increased to the point where a margin of 15% between the
two is acquired.

Load bearing thin-walled rectangular box

For a thin-walled rectangular box, with outer width B, height H, inner width b and inner
height h, the cross-sectional area, moment of inertia are and mass can be determined
with [3]:

Abox = BH−bh. (5.56)

Ibox =
1
12
(
BH3−bh3) . (5.57)

mbox = ρAl. (5.58)

The lateral and axial frequency can now be determined with equation 5.41 and 5.42. The
strength of the box can be resolved by applying equations 5.45 to 5.52. The allowable
buckling stress is for a thin-walled box a function of the critical force, Fcr, and the cross-
sectional area A [3]:

σallow,buck =
Fcr

A
=

1
B2−b2

π2EI
kl2

. (5.59)

Where k is the effective length factor, which is equal to two for a cantilever beam that
is fixed on one end and free on the other. With all the presented formulas, the different
failure modes of the structure can be analyzed and the minimum wall thickness of the
structure can be determined.
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5.5.5. Configuration, Structures & Mechanisms Results

The configuration of the SEP stage shall be such that the center of gravity is located as
close as possible to the launcher’s adapter. The heaviest identified parts are the propel-
lant tank, solar array wings and the electronics (see section 5.5.1). All the subsystems,
are mechanically supported and attached to the spacecraft by the structure. The pri-
mary structure, indicated in red (see figure 5.36), is connected to the adapter, carries
the spacecraft’s major loads and supports the components that are present within the
spacecraft body. The primary cylinder is sized such that the propulsion tank fits into
it. The electronic systems are attached to the primary cylinder, while the solar array
wings, thrusters and radiators are all connected to the top of the primary cylinder. The
secondary cylinder encloses all the electronic components and such protect them from
the harsh space environment. The top of the cylinder is locally stiffened to provide sup-
port to the solar array wings and the primary load bearing thin-walled rectangular box,
indicated in red. The box supports the radiators, DDUs and Hall thrusters.

Figure 5.36.: The SEP stage in the folded configuration with a front view (left) and
isometric view (right). The primary load carrying structure is indicated in red.

The materials commonly used in space industry for the structure, are aluminum al-
loys. Due to the high level of heritage, such an alloy is selected. The selected alloy for
this mission is AL7075-T73, which has a density of 2,800kg/m3, a Young’s modulus of
71GPa, compressive yield strength of 380MPa and a Poisson’s ratio of 0.33 [3] [89].
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Primary structures

The primary load carrying structure consists out of a cylinder and a box connected
to the top of the cylinder (see figure 5.36). The cylinder is directly attached to the
launcher’s adapter, which forms the direct connection to the launcher. The loads im-
posed by the launcher define the sizing case for the primary structures. Currently,
the maximum loads produced by Falcon Heavy, are unknown. However, launchers
have comparable maximum loads and therefore it is decided to take one from the same
launcher family as reference, namely the Falcon 9 (see table 5.31).

Lateral Axial

Maximum load factor (G) 2 6

Frequency mode (Hz) ≥ 10 ≥ 25

Table 5.31.: The maximum load factors and frequencies imposed by the Falcon 9
rocket [51].

The load bearing cylinder has masses directly connected to the cylinder and on top. It
is assumed that the masses along the cylinder are evenly distributed. The model for
a cantilever beam with a mass on top is used and the structural analysis is performed
for the natural frequencies, strength and buckling of the cylinder. In the analysis, the
buckling failure mode was identified as the sizing case, which can be seen by the fact
that the allowable margin on buckling, is just met (see table 5.32).

Lateral Axial

Natural frequency (Hz) 86.3 66.6

Maximum force (N) 3.6 ·105 1.1 ·106

Bending moment (Nm) 4.1 ·105 -

Stress (MPa) 24.8 37.7

Maximum stress (MPa) 62.5

Factor of Safety (−) 2

Margin of Safety (−) 2.04 (> 0)

Allowable buckling stress (MPa) 71.9

Margin allowable buckling on max. stress (%) 15.04 (> 15)

Table 5.32.: Results of the structural analysis of the load-bearing cylinder.

The tanks and electronic systems are attached to the load bearing cylinder and is in
table 5.33 described by the mass attached to the cylinder. The thrusters, solar array
wings and radiators are all connected to the top of the primary cylinder and combined
in the tip mass in table 5.33.
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Load-bearing cylinder

Length (m) 1.7

Radius (m) 1.15

Wall thickness (mm) 4.01

Tip mass (kg) 6,235

Mass attached to cylinder (kg) 12,321

Length to center of gravity (m) 1.14

Mass cylinder (kg) 137.9

Table 5.33.: Specifications of the load bearing cylinder.

The top of the cylinder is locally stiffened to provide support to the solar array wings
and the primary box. The primary box supports the radiators, DDUs and Hall thrusters.
It is stiffly connected to the cylinder and is modeled as a cantilever beam with a mass on
top. The sizing case of the primary box is again the launch loads. It is required to place
the thrusters in line with the solar array width, meaning that the length of the load bear-
ing box has to be approximately 9.5m. Due to this long length, the lateral forces are the
designing case and the resulting wall thickness and mass are, respectively, 30.5mm and
4,542kg. This mass is unacceptably high and there is a more efficient solution. This so-
lution entails that the thruster pallet, in its launcher configuration, is located just above
the solar array canisters. Once in space, the thruster pallet along with the DDUs, are
deployed by a deployable mechanism. As a result, the length of the secondary support-
ing rectangular box can be reduced to above the solar array canisters. The structural
analysis of this shorter primary box can be seen in table 5.34.

Lateral Axial

Natural frequency (Hz) 27.6 / 40.2 43.1

Maximum force (N) 4.83 ·104 1.45 ·105

Bending moment (Nm) 6.7 ·104 -

Stress (MPa) 142 / 40.3 41.5

Maximum stress (MPa) 183

Factor of Safety (−) 2

Margin of Safety (−) 0.04 (> 0)

Allowable buckling stress (GPa) 1,930

Margin allowable buckling on max. stress (%) 1.05 ·107 (> 15)

Table 5.34.: Results of the structural analysis of the load-bearing thin-walled box.

The corners of the box are connected to the primary load bearing cylinder, which means
that the dimensions of the box is a function of the cylinder’s radius. In the second
direction, the length of the box is limited by the fairing radius and canister radius to a
length of 1.2m. The width of the box can be determined with:
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l =
√(

rcyl
)2− l2req. (5.60)

At the top of the load bearing box, the radiators, DDUs and thrusters are located and
grouped within the tip mass (see table 5.35). Due to the shorter box, the wall thickness
could be reduced drastically to 1.1mm and the mass to 27.4kg.

Load-bearing box

Height (m) 1.4

Length required (m) 1.2

Width (m) 1.98

Wall thickness (mm) 1.1

Tip mass (kg) 2,436

Length to center of gravity (m) 1.4

Mass box (kg) 27.4

Table 5.35.: Specifications of the load bearing box.

Secondary structures
The secondary structures are not load bearing and their structural integrity can not be
modeled in a simple way. More time-consuming analysis with Finite Element Methods
would be required to optimize these structures, which is not desired for a phase zero
study, as the secondary structure neither drives the architecture nor does it determine
the concept feasibility. Therefore it is decided to give non load bearing aluminum panels
a standard thickness of 0.5mm, which is based upon OHB system’s experts opinion. The
secondary structures of the spacecraft consist out of a cylinder enclosing the primary
load bearing cylinder and a secondary thin-walled box, that provides structural stability
to the solar array booms and radiators. This secondary box forms an exception and can
be modeled in a simple way. As stated, this box does not support other subsystems and
thus only has to provide enough structural integrity.

Bottom plate Middle section Top plate

Radius (m) 2.1 2.1 2.1

Area (m2) 13.85 22.43 13.85

Height (m) - 1.7 -

Thickness (mm) 0.5 0.5 1.0

Mass (kg) 19.40 31.4 38.79

Table 5.36.: Secondary structures of the cylindrical bottom section.

The electric system is enclosed by a cylinder around the primary load carrying cylinder.
The cylinder has a bottom plate and top plate. The top plate is connected to the solar
array wings and the box shaped primary structure. Therefore, it is load carrying and
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decided to be thicker (1.0mm) than the other structures (see table 5.36). The radius of
the cylinder is depending on the size of the canisters that are placed on top.

The secondary box is sized and analyzed with a thickness of 0.5mm. The analysis, see
table 5.37, shows that the thickness is sufficient to fulfill all the requirements.

Lateral Axial

Natural frequency (Hz) 25.8 / 40.2 106.9

Maximum force (N) 2.63 ·103 7.90 ·103

Bending moment (Nm) 1.07 ·104 -

Stress (MPa) 18.0 / 4.1 2.8

Maximum stress (MPa) 20.8

Factor of Safety (−) 2

Margin of Safety (−) 8.13 (> 0)

Allowable buckling stress (GPa) 11,800

Margin allowable buckling on max. stress (%) 5.7 ·107 (> 15)

Table 5.37.: Results of the structural analysis of the secondary thin-walled box.

The thruster plate is, in the launch configuration, located inside the secondary box just
above the primary box. Due to the fact that the thruster pallet has to support the Hall
thrusters and DDUs, the thickness is set at 1.0mm (see table 5.38).

Thruster plate Secondary Box

Length (m) 3.6 3.6

Width (m) 2.0 2.0

Height (m) - 8.1

Area (m2) 7.2 95.9

Thickness (mm) 1.0 0.5

Mass (kg) 20.16 149.9

Table 5.38.: Secondary structures connected to primary box.

Deployable mechanism

There are two deployable mechanisms identified for the SEP stage:

1. A deployable mechanism that deploys and provide stiffness to the solar array
wing.

2. A deployable mechanism that deploys the thruster pallet from the folded config-
uration into the deployed configuration.

The deployable structure in between the solar array blankets has to provide stiffness
to the complete wing. For a deployed solar array the natural frequency is typically
above 0.10Hz [6] for lateral bending loads. Assuming that the connections between the
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blankets and deployable structure are stiff, the whole structure can be modeled as a
cantilever beam with a uniform mass distribution. The natural frequency, fnat, of such
a structure can be calculated with equation 5.41, where the tip mass equals zero. From
this formula, the required stiffness is derived (see table 5.39). Only deployable truss
structures can deliver this stiffness (see section 5.5.2 and figure 5.33) and are selected
to support the solar array blankets. The dimensions of the canister are, in the selected
configuration, limited by the fairing diameter and approaches the upper limit. There-
fore, a significant engineering effort is required to meet the requirements concerning
the stiffness and dimensions. This issue can be solved by relieving the power demand.

Requirements for deployable truss structure

Required natural frequency (Hz) ≥ 0.10

Required stiffness (Nm2) 1.6 ·107

Selected deployable truss structure

Diameter (m) 1.2

Deployed length (m) 63.3

Packaging ratio 0.035

Packaging length (m) 2.2

Stowed volume (m3) 2.51

Mass (kg) 600

Bending stiffness (Nm2) 1.6 ·107

Table 5.39.: Requirements and specifications of the deployable truss structure
supporting the solar array [42].

The thruster plate is connected to a deployable mechanism, which is deployed once the
stage is in space. The different sizing cases for these deployable mechanisms are:

• The Hall thruster oscillations, having typical frequencies of 10 to 30kHz.

• Maximum axial forces from the thrusters (31.3N).

• Maximum lateral forces from the thrusters (2.4N).

The deployable mechanism has to be fixed at one end to the load-bearing thin-walled
box and at the other end to the thruster plate. This requirement eliminates the shape
memory composite and inflatable boom. A telescopic boom, articulated boom or truss
structure will result in a relatively heavy mechanism, which eliminates the mass benefit
of this configuration. Therefore, from the mass point of view, a coilable boom is the
most promising choice and is sized using figure 5.32 and 5.33 (see table 5.40). A benefit
of this type of boom is that the elastic strain within the boom provides passive deploy-
ment. However, the stiffness is relatively low and therefore a configuration with four
deployable booms, attached to the corners of the primary load carrying box, is selected.
A risk of such a configuration is that the end-length of all the beams might be slightly
different. In subsequent design phases a finite element model is needed to analyze if the
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stiffness, provided by the deployable beams, is sufficient and to optimize their design.

Coilable boom

Length deployed (m) 8.1

Diameter (m) 0.25

Packaging ratio (−) 0.025

Packaging length (m) 0.2

Stiffness single boom (Nm2) 1 ·104 (TBC)

Mass single boom (kg) 4

Mass four booms (kg) 16

Table 5.40.: Deployment mechanism to deploy the thruster plate.

Results overview

An overview of the resulting structure and mechanisms can be seen in table 5.41 and
5.42. The total mass, including margins, of the structure, deployable mechanisms and
docking mechanism is 2308kg.

Primary Primary Secondary Secondary

Cylinder Box Cylinder Box Total

Radius (m) 1.15 - 2.1 -

Length (m) - 1.2 - 3.6

Width (m) - 1.98 - 2.0

Height (m) 1.7 1.4 1.7 8.1

Wall thickness (mm) 4.01 1.1 0.5-1.0 0.5-1.0

Mass (kg) 137.9 27.4 89.6 154.4 409.3

Margin 20% 20% 20% 20% 20%

Mass (kg) 165.5 32.9 107.5 185.3 491.2

Table 5.41.: The resulting structure of the SEP stage.

Mass (kg) Margin Mass (kg)

Docking Mechanism 340.2 5% 357.2

Deployable Truss Solar Array 1200 20% 1440

Coilable Boom Thruster Plate 16 20% 19.2

Total 1816.4

Table 5.42.: The (deployable) mechanisms for the SEP stage.
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5.6. Thermal Control System

A thermal analysis is very complex and normally performed by numerical software
tools like ESATAN. However, a thermal analysis performed by these tools is time con-
suming and hence expensive. Besides, such an analysis requires a finished mission
analysis and design, which are not realized at this point. Therefore, a more prelimi-
nary analysis is performed, which considers a hot case and a cold case to evaluate their
impact on the design.

The Thermal Control System has to comply with the following requirements:

System Requirement Created

4.3.1 The propellant tanks should be kept at a temperature in between
20◦C and 30◦C.

Sec. 5.3.5

5. The transfer stage shall provide thermal control and radiate all
excess heat to space.

Sec. 2.2

The thermal environment during the stage’s lifetime shall be analyzed. The stage un-
dergoes certain phases where it experiences different environments:

• Pre-launch environment

• Launch environment

• Space environment

Within the pre-launch environment no major problems are foreseen. Typically, electron-
ics can operate in a temperature range of -15◦C to 50◦C, rechargeable batteries between
0◦C and 20◦C and mechanisms between 0◦C and 50◦C [11]. The propellant tank should
be kept at a temperature in between 20◦C and 30◦C. It is assumed that the tempera-
ture of the stage within this thermal environment can be controlled in between 0◦C and
40◦C, which means that for the batteries and tanks additional measures might be nec-
essary to keep them at their required temperature. Once the stage is integrated into the
rocket fairing, thermal control can be achieved by blowing conditioned air or nitrogen
through the fairing enclosure.

During launch, the fairing will heat up due to friction. This heat is partly passed upon
the stage and therefore undergoes heating. After fairing jettisoning, the stage will be
subjected to free molecular heating. The point at which the fairing is jettisoned is a
trade-off between the desire to save weight and the need to protect the spacecraft to
atmospheric heating [12]. The thermal analysis of this launch phase is complex and
should be performed in a subsequent design phase.

Within the current analysis the focus is on the space environment, where the spacecraft
is heated by radiation and also radiates heat back into space. The environmental in-
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fluences are solar radiation, albedo radiation and infrared radiation (IR). The overall
interaction between them is expressed in the heat balance [11]:

mC
dT
dt

= Qinternal +Qsolar +QIR +Qalbedo−Qrad. (5.61)

Where m is the mass, C is the specific heat and Q all the various heat contributions in the
form of internal heat, solar radiation, infrared radiation, albedo radiation and radiation
that is emitted by the spacecraft. In case there is thermal equilibrium, the first term of
equation 5.61 equals zero and the incoming heat equals the outgoing heat [11]:

Qin = Qout, (5.62)

Qinternal +Qsolar +QIR +Qalbedo = Qrad. (5.63)

Solar radiation is coming from direct sunlight and is a very stable energy source. The
intensity of sunlight reaching Earth varies approximately ±3.5%, with the minimum
at aphelion of 1322W/m2 and the maximum at perihelion of 1414W/m2 [12]. The heat
coming from the solar radiation can be calculated by [11]:

Qsolar = αApJ. (5.64)

Where Ap is the projected area, α the absorptivity of the surface material and J the
intensity from the Sun.

When sunlight reaches a planet it is partially reflected back into space, this is known as
albedo radiation. It is usually expressed as a fraction of the incident sunlight [12]:

Qalbedo = αApFalbedoJ. (5.65)

Where Falbedo is the fraction of the incident sunlight, which is reflected. The absorbed
heat of this reflected albedo changes with altitude, according to the inverse-square law,
and the orientation of the spacecraft to the Earth. Both influences are expressed within
the albedo factor:

Falbedo = Al
(

R2
E

r2

)
. (5.66)

Where Al is the albedo factor, r the radius of the orbit and RE the radius of the Earth. The
albedo factor is an experimental value, which is highly depending on the position of the
spacecraft above the planets surface, i.e. longitude and latitude. Reflectivity is namely
greater over continental regions than oceanic regions and also depends on cloud, snow
and ice coverage. The chosen values are selected from measurements documented in
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reference [12], which are adjusted to the top of the atmosphere at 30km above Earth’s
surface and thus to an Earth radius of 6408km. These experimental values have a stan-
dard deviation of 3.3-σ , which means that they will only be exceeded for 0.04% of the
time. The values, for Earth typically in between 0.13 and 0.6, depend on the tempera-
ture case (hot or cold case), the inclination, the solar β angle and the time period. For
our case, the inclination of the spacecraft is 28.5◦, the solar β angle is 5.1◦ and for the
time period the longest period is chosen, which represent the average over a whole
orbit, resulting in an Earth albedo factor of 0.24.

Sunlight that is not reflected as albedo by a planet, is initially absorbed and eventually
reemitted again as infrared (IR) energy. The position of the spacecraft above Earth has
an influence on the amount of IR energy that is absorbed from the planet. Infrared
radiation has the same wavelength as the one emitted by the spacecraft and therefore
the emissivity factor, ε , determines in what degree IR radiation is absorbed and also
the amount of radiation that is radiated to space. For example, a surface with a low
emissivity does not absorb IR radiation, but is also not able to radiate the spacecrafts
heat to space. The amount of planet IR radiation that is received by the spacecraft is
determined by [11]:

QIR = εApJIR. (5.67)

The infrared intensity that reaches the spacecraft varies with height according to the
inverse-square law and with the temperature case. For the Earth and Moon, the hot
case it is equal to [12]:

JIRE = 260W/m2 ·
(

R2
E

r2

)
. (5.68)

JIRM = 1314W/m2 ·
(

R2
M

r2

)
. (5.69)

The spacecraft also radiates its heat to space, which can be determined by [11]:

Qrad = εσA
(

T4−T4
space

)
. (5.70)

Where σ is the Stefan-Boltzmann constant (5.67051 · 10−8 W/m2K4), A the surface area
and T the surface temperature. The space temperature is often neglected in this formula,
since it is 2.8K and such it has a negligible impact on the outcome.

During the transfer, the orbit altitude increases and the environmental loads from Earth
(IR and albedo) will decrease rapidly. From an altitude of 36,000km the albedo and IR
radiation will be negligible and the stage will only be heated by solar radiation. When
the stage starts to approach the Moon, it will come under the influence of lunar albedo
and IR. The Moons surface is as absorptive as black paint and therefore only has an



5. Stage Design 136

albedo factor of 0.073 [12]. Also, due to the lack of an atmosphere, the Moon cannot
retain its heat, which causes a very low IR radiation on the shadow side and conse-
quently a low stage temperature in eclipse. On the Sun side the planets temperature is
very high (high absorptivity) and, therefore the received radiation is dominated by IR
(1314W/m2) [12]. In a Moon orbit, the temperature extremes are therefore greater than
in an Earth orbit.

5.6.1. Solar Array Thermal Model

It is desirable to keep solar array temperatures as low as possible, such that the electri-
cal efficiency, and thus power production, is as high as possible. Therefore, this basic
analysis is performed to evaluate the impact of the temperature on the solar cell perfor-
mance.

Usually, the back-side of an array is painted with high-emittance black or white paint.
White paint is primarily used in LEO, where albedo illuminates the back side of the
array [12]. The front side of the panel is covered by solar cells, which have typically
high absorptance and high emittance characteristics. In combination with the large area
and relatively low mass, the solar arrays cycle through wide temperature variations.
In LEO, this typically ranges from -75◦C to +65◦C and in GEO from -145◦C to +55◦C
[12]. The model represented here is especially meant to find the maximum temperature,
since it affects the electric efficiency. The model is based upon the following simplifying
assumptions:

• The deployed solar array does not exchange heat with the outer surfaces of the
satellite body.

• The wing mounted solar panel is adiabatically isolated from the rest of the satellite
body.

• The panel surface temperature is considered as uniform.

• The panel has reached its heat equilibrium.

Solar cells perform differently under various temperatures. To analyze the impact the
hot case and the cold case are examined. The cold case occurs when the stage is in
eclipse and the solar array panels are not facing the Earth or Moon. In this situation,
the panels are almost receiving no heat and will ultimately reach the space temperature
Tspace = 2.8K. However, in practice this will not occur, since the solar array is still ex-
posed to radiation from the spacecraft and due to its finite heat capacity will cool down
slowly. Of interest is also the solar array temperature when it comes out of eclipse in
LEO or LLO. In these orbits, the highest effort is required to come out of the potential
well of the Earth and Moon respectively. Thus, the following cases are analyzed:

• Hot case 1: The stage is positioned between the Sun and Earth at LEO, where the
solar panels have an incidence angle of 0◦ and the back-side of the panels face
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Earth’s albedo and IR.

• Hot case 2: The stage is positioned between the Sun and Moon at LLO, where the
solar panels have an incidence angle of 0◦ and the back-side of the panels face
Moon’s albedo and IR.

• Cold case 1: The stage is at LEO and the panel is pointed towards the Earth in
order to receive IR radiation and retain some heat. While coming out of eclipse
the panel should be oriented towards the Sun.

• Cold case 2: The stage is at LLO and the panel is pointed towards the Moon in
order to receive IR radiation and retain some heat. While coming out of eclipse
the panel should be oriented towards the Sun.

The solar panel is converting solar radiation into electricity. The amount that is con-
verted depends on the solar cell efficiency, η , and the incidence angle, ϑ . Therefore, the
absorbed heat, under influence of the solar radiation (equation 5.64), changes to:

Qsolar = α (1−η)AJ cosϑ . (5.71)

The absorbed solar heat is higher when the solar cell efficiency is lower, therefore the
EOL efficiency is used for the analysis. The other formulas for the albedo, IR and space-
craft radiation (equation 5.65, 5.67 and 5.70) are left unchanged. As stated, a thermal
equilibrium is assumed and such equation 5.63 can be rewritten to solve for the surface
temperature:

TSA =

(
Qsolar +Qalbedo +QIR

σεA

)1/4

. (5.72)

The characteristics of the front side of the panel is determined by the solar cells. The
backside characteristics can be controlled and are preferred to have a low absorptivity
and high emissivity, since it is beneficial for the cell temperature in LEO. The following
properties for the solar cell are assumed:

• αcell = 0.91

• εcell = 0.81

• αback−side = 0.17

• εback−side = 0.82

• ηcell = 0.28

The back side is assumed to be white paint and is selected to limit the hot case temper-
ature. The Solar Array Thermal Model is written with SCILAB and the results for the
different cases are:

• LEO: Thot = 64.4 ◦C, Tcold =−59.5 ◦C
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• LLO: Thot = 105.7 ◦C, Tcold =−193.3 ◦C

As expected, the hot case is in LLO and it is desirable to reduce this high temperature.
The main contributions to this hot case are the IR radiation and the solar radiation, so
a logical conclusion would be to reduce the received IR radiation and consequently re-
duce the emissivity of the back side. However, in this case also the backside cannot
radiate its heat anymore towards space. Therefore, changing the εback−side to a value of
e.g. 0.1, results in approximately halved incoming heat, but since the radiation area
is now only the panel front side and thus also halved, the temperature stays approxi-
mately the same. This is also seen in the model, where changing the εback−side from 0.1
to 0.9 only has an influence of 1 ◦C. The only way to influence this LLO hot case tem-
perature to a great extent, is to reduce the absorptivity on the cell side. For example,
when αcell is reduced to 0.51, the resulting temperature is −189.6 ◦C. This demonstrates
that the absorptivity of the front panel should be as low as possible, without affecting
the solar cell efficiency.

When a flexible solar array comes out of eclipse, the front side is heating up quickly,
while the back side is still cold. The resulting thermal gradient across the blanket makes
it to bend and thus reduces the power output. The duration of this effect depends on
the thermal expansion coefficient and blanket design, which should be such to limit this
effect and should be analyzed in subsequent design phases [1].

5.6.2. Spacecraft Thermal Model

A basic spacecraft thermal model is required to determine the desired outside proper-
ties of the spacecraft, which are needed for the radiator thermal model. The properties,
i.e. the emissivity and absorptivity of the spacecraft, are determined by assessing the
cold case of the stage. The model is based on the following assumptions:

• Interactions with other spacecraft surfaces is neglected.

• The spacecraft has reached its thermal equilibrium.

• The solar panels and radiators are adiabatically isolated from the rest of the satel-
lite body, so there is no heat transfer from the panels and radiators to the space-
craft and vice versa.

The cold case occurs when the spacecraft is in eclipse at a higher lunar orbit. In this sit-
uation the infrared radiation can be neglected, thus the heat balance equation becomes:

Qrad = Qinternal. (5.73)



5. Stage Design 139

The heat balance equation can be solved for the emissivity of the spacecraft:

εs/c−required =
Qinternal

σAs/cT4 . (5.74)

The minimum allowable temperature is set at 0 ◦C (see section 5.6). During eclipse
the low voltage bus is operating and produces 1,245W of internal heat (see section
5.4.6), which means that an emissivity of 0.03 is required. There is no material that
can guarantee such a low emissivity, therefore a material with a typical emissivity is
applied in combination with a heater. The selected material is MLI with an outer layer
of Vapor Deposited Aluminum (VDA), which has an emissivity of 0.04 and absorptivity
of 0.17 [3]. With this material, a heater of 320W is required to maintain the spacecraft’s
temperature at the minimum of 0 ◦C, which is a driving the battery of the power system.

5.6.3. Radiator Thermal Model

Radiators need to reject the heat created by the power system. The radiating power
of a radiator is a function of the temperature and is given by the Stefan-Boltzmann
equation [3]:

Qradiator = εσAT4. (5.75)

The temperature has a significant influence on the radiation capability of the panel. The
emissivity of the panel should be as high as possible, while the absorptivity is low. The
actual sizing of the radiator is done by considering the desired operating temperature,
worst-case waste heat and environmental heating of the spacecraft. The model is based
on the following assumptions:

• Interactions with other spacecraft surfaces is neglected.

• The radiator panel temperature is considered as uniform.

• The panel has reached its heat equilibrium.

• The solar panel is adiabatically isolated from the rest of the satellite body, so there
is no heat transfer from the solar panels to the spacecraft.

The hot case scenario is assessed to ensure that sufficient radiator area is available to
maintain acceptable temperatures. The hot case occurs when the spacecraft is in the
Sun and positioned at LLO. In Moon orbit the IR radiation is significant and affects
the spacecraft radiator surface [12]. Therefore the spacecraft and radiator should be
positioned such that the radiator view is minimized towards the Moon surface. It is
even better to point the radiator area towards the Sun than to the lunar surface, since
most radiators have a low solar absorptance and a high IR emittance. For the hot case,
three orientations of the spacecraft can be considered:
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• Hot case 1: The stage is positioned in between the Sun and Moon and the radia-
tors are body-mounted and oriented such that they are facing the Sun, the stage’s
projected area is at maximum.

• Hot case 2: The stage is positioned in between the Sun and Moon and the radiators
are wing-mounted and oriented such that they do not see the Moon and Sun. The
stage’s projected area is at maximum.

• Hot case 3: The stage is positioned ’at the side’ of the Moon and one side of the
wing-mounted radiator is facing the Sun. The stage’s projected area is at mini-
mum, meaning that only the front side of the spacecraft is facing the Sun.

Moon

Hot Case 2

Hot Case 3

Qsolar

Qsolar

Hot Case 1

Figure 5.37.: The hot cases and radiator configurations (indicated in red).

The first hot case is the most severe one and is performed to evaluate if one body-
mounted radiator is sufficient to provide thermal control. In case this is not sufficient,
a wing-mounted radiator shall be considered according to hot case two and three. For
all the hot cases, the internal dissipation of the power systems is considered to be at its
maximum. For the first hot case, the heat balance can be expressed by:

Qradiator = Qinternal +Qsolar +Qalbedo +QIR. (5.76)

Solving the equation for the radiator area, results in:

Arad−HC1 =
Qinternal +αs/cApJ+αs/cApFalbedoJ+ εs/cApJIR− εs/cσAs/cT4

σT4
(
εrad− εs/c

)
− J
(
αrad−αs/c

) . (5.77)

From the resulting radiator area it can be concluded if a body-mounted radiator can be
used. When this is not the case, wing-mounted radiators are required and hot case two
and three become valid. The required radiator area for the second and third hot case
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can be calculated by:

Arad−HC2 =
Qinternal +αs/cApJ+αs/cApFalbedoJ+ εs/cApJIR− εs/cσAs/cT4

s/c

εradσT4
rad

. (5.78)

Arad−HC3 =
Qinternal +αs/cApJ+αs/cApFalbedoJ+ εs/cApJIR

εradσT4
rad−

1
2 αradJ

. (5.79)

These equations are programmed within SCILAB to solve for the dimensioning hot case.

5.6.4. Thermal Control System Results

The high power levels of the SEP stage results in high thermal loads that have to be
rejected to space. Normal thermal management techniques, like a radiating panel in-
corporated in the spacecraft’s structure, becomes challenging and has to be evaluated
by the radiator thermal model. In case a body-mounted radiator is not feasible, wing-
mounted radiators are required.

The characteristics of the thermal control system can be seen in table 5.43. In lower
orbits, the spacecraft is always oriented with its longitudinal axis parallel to the planet’s
surface. The area that in this orientation is projected to the planet is called the side
projected area in table 5.43. The frontal projected area, is the area of the flat surface of
the secondary cylinder. The complete outside area is a summation of all the spacecraft’s
surface that radiates heat to space.

The maximum internal dissipation, calculated with equation 4.34, occurs when the
power system is providing its maximum power at BOL and for the cold case. The
radiator rejects the waste heat at a temperature of 60 ◦C [20] and contains heat pipes
that provide the heat transport from the inner body of the spacecraft to the radiators.
The radiator’s surface finish is selected to be Z93 white paint, with an emissivity of 0.92
and absorptivity of 0.17 [3]. For this typical surface finish, the outcome of hot case two
and three results in a minimum radiator area.
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S/C Thermal Control System

S/C minimum temperature (◦C) 0

S/C maximum temperature (◦C) 40

S/C side projected area (m2) 55.2

S/C frontal projected area (m2) 16.62

S/C outside area (m2) 106.1

S/C material VDA

S/C absorptivity 0.17

S/C emissivity 0.04

Maximum internal dissipation (kW) 32.3

Minimum internal dissipation (W) 1,245

Heater dissipation (W) 320

Radiator

Selected surface finish Z93 white paint

Absorptivity 0.17

Emissivity 0.92

Radiator temperature (◦C) 60

Table 5.43.: The characteristics of the thermal control system that are used for the
thermal model.

For the first hot case a total radiator area of 90.5m2 is required (see table 5.44). In
case these are body-mounted, 85% of the spacecraft’s shell will be covered by radia-
tors. These radiators will then also face the Moon, which alters the thermal balance and
causes the radiator area to grow even larger. Therefore, this option is considered to be
impossible from the structural point of view and not a suitable solution.

The second option is to have wing-mounted radiators, which increases the complexity
of the spacecraft by adding flexible joints in the heat transport tubes. From the analysis
it can be concluded that the radiator requires no rotary joint, since it can fully face the
Sun and still radiate all the internal dissipation.

Hot case 1 Hot case 2 Hot case 3

Radiator area (m2) 90.5 67.6 73.6

Table 5.44.: Thermal Model outcome.

Since hot case one is eliminated, the sizing case is hot case three and thus a wing-
mounted radiator is required with an area of 73.6m2. This is provided by two wing-
mounted radiators, each 2.5m wide and 7.36m long (see table 5.45). A heavy deploy-
able radiator and its support and deployment structure weights around 12kg/m2 [3],
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consequently the total mass of the radiators is 972kg (see table 5.47). Variable conduc-
tance heat pipes, filled with Ammonia, have typically a mass of 0.15kg/m [3] and the
required length is estimated at 20m. A heater weights around 0.3kg/kW [12] and MLI
0.73kg/m2 [3]. Also, margins are applied on these values. On the radiator and MLI
a margin of 10% is included and on the heat pipes and heater a margin of 20% is in-
cluded. The total mass, including margins, of the thermal control system is estimated
at 1074.9kg.

Radiators

Number of radiators 2

Radiator width (m) 2.5

Radiator length (m) 7.36

Total radiator area (m2) 73.6

Operation Temperature (◦C) 60

Surface finish Z93 white paint

Absorptivity 0.17

Emissivity 0.92

Table 5.45.: The radiators of the thermal control system.

SEP stage

Temperature range (◦C) 0 - 40

Insulation MLI

Outer layer VDA

Absorptivity 0.17

Emissivity 0.04

Heater (W) 320

Table 5.46.: The design of the SEP’s
thermal control system.

Mass budget

MLI mass (kg) 99.3

Heat pipes mass (kg) 3.6

Heater mass (kg) 0.12

Radiator mass (kg) 971.9

Total mass (kg) 1074.9

Table 5.47.: Mass budget of the thermal
control system, including margins.
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5.7. Attitude and Orbit Control System

The Attitude and Orbit Control System (AOCS) has the task to control the orientation
of the spacecraft during all the mission phases. The system does not drive the stage’s
architecture and therefore it is not treated at the same level of detail as the mission anal-
ysis, propulsion and EPS. The AOCS has to comply with the following requirements:

System Requirement Created

7. The transfer stage shall provide 3-axis attitude control during the
entire mission.

Sec. 2.2

7.1 Four gimbaled thrusters should provide enough agility for the
stage.

Sec. 5.3.9

To control the orientation, sensors first need to fully resolve the position of the space-
craft. In case the position of the spacecraft needs to be changed, thrusters and/or ac-
tuators have to adjust the orientation to the desired one. The following sizing cases for
the AOCS are identified and discussed in more detail:

1. The launcher releases the spacecraft in its predefined orbit with a certain separa-
tion accuracy. Errors in the attitude and rotation rate might occur and have to be
corrected. Next, the spacecraft needs to control its orientation in the orbital plane.
The longitudinal axis of the spacecraft is in line with the orbital path and makes
a full revolution every orbit. The amount of propellant required for this steering,
needs to be analyzed.

2. The solar pressure on the solar arrays cause a moment on the spacecraft. In almost
all configurations the two opposite solar arrays cancel out the effect of the solar
pressure. There is only one configuration in which this does not occur. In this
configuration, the solar array is in line with the longitudinal axis of the spacecraft
and the force exerted on the solar arrays, cause a moment around the lateral y-axis
(see figure 5.39). This moment has a sinusoidal character due to the rotation of the
solar arrays with respect to the spacecraft. The position of the center of mass is
essential to determine the magnitude of the moment exerted on the spacecraft.

3. The rolling torque of the vehicle is determined to identify the maneuverability
of the stage around the longitudinal axis. No requirements are imposed on the
maneuverability around this axis.

4. The stepper motor of the SADM has to deliver enough torque to turn the solar
array and is analyzed.

The spacecraft also has to perform the docking procedure, in which the SEP stage is a
cooperative target and the payload executes the docking. This means that the SEP stage
has to maintain its position in orbit and does not have to adjust its orientation actively.
Therefore this is not considered to be a sizing case for the AOCS.
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5.7.1. Attitude Sensors

The spacecraft is 3-axis controlled and the following sensors are needed to determine
the position of the stage:

• Sun Sensor

• Star Tracker

• Inertial Measurement Unit (IMU)

– Gyroscopes

– Accelerometers

• GPS

The GPS sensor is mostly useful in the LEO phase, in which also the docking procedure
with the payload is performed. The GPS receiver that is also used for ATV, the ATV-
GPSA Receiver from Thales, is selected. No other instruments for this maneuver are
required, since the SEP stage is a passive element which should remain at its position
until the payload is docked. The other sensors are part of the basic equipment that
a satellite requires for determining its position. Based upon experts opinions at OHB
System a set of sensors is selected. Together with data from reference [3] a total mass
and power budget can be determined (see table 5.48).

Number (−) Total mass (kg) Total power demand (W)

Sun Sensor 6 6 0

Star Tracker 2 8 20

IMU 2 30 50

GPS (ATV-GPSA) 1 4 15

Total, with 5% margin 50.4 89

Table 5.48.: Selected sensors for the AOCS.

5.7.2. AOCS Model

To perform AOCS calculations on a spacecraft, the center of mass and mass moment of
inertias of the spacecraft have to be known. This also requires a coordinate system and
therefore a body-fixed reference frame is introduced (see figure 5.38), with:

• x-axis: the longitudinal axis of the SEP stage.

• y-axis: the lateral axis of the stage, in direction of the solar array wings.

• z-axis: vertical axis of the stage, in direction of the radiators.

• Origin: located in between the docking mechanism and primary load carrying
cylinder on the longitudinal axis of the stage.
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x

z

y

Figure 5.38.: The body-fixed reference frame of the SEP stage.

With the aid of this reference system and the locations of all the different components
and their masses, the center of mass can be calculated for x, y and z:

xCoM =
∑mixi

∑mi
. (5.80)

yCoM =
∑miyi

∑mi
. (5.81)

zCoM =
∑mizi

∑mi
. (5.82)

The mass moment of inertias around the different axis, can be calculated with [3]:

Ixx = ∑
(
y2

i + z2
i
)

mi. (5.83)

Iyy = ∑
(
x2

i + z2
i
)

mi. (5.84)

Izz = ∑
(
x2

i +y2
i
)

mi. (5.85)

The torque that is required when a certain angular rate, ω , is given, depends on the
mass moment of inertia, I. While the torque delivered by a thruster is a function of the
force it produces and the arm length, l, to the center of mass [3]:

T = ω̇I =
∆ω

∆t
I = Fl. (5.86)
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Where the angular rate is defined as a change of an attitude angle, θ , in a certain amount
of time, t:

ω =
dθ

dt
. (5.87)

The four gimballed thrusters produce a lateral force that act on the stage to create the
torque. These forces also cause a secondary effect, i.e. a lateral shift of the SEP stage.
This effect is neglected in the current design phase but should be included in subse-
quent phases.

In case a maneuver about a certain angle is required, a so-called ’bang-bang’ maneuver
is performed. In this maneuver first a torque is applied to start rotating to the new
desired attitude, secondly a torque in the opposite direction is applied to cancel out this
rotation. When equation 5.87 is filled into equation 5.86, the torque for a bang-bang
maneuver can be determined as a function of the desired attitude angle change and
time [3]:

T =
4∆θ I
∆t2 . (5.88)

The formula can be rewritten to evaluate the time that is required to make a certain
attitude angle change, while the engines deliver the maximum torque:

∆t =

√
4∆θ I

T
. (5.89)

The solar pressure exerted on a body, Fsp, is a function of the solar intensity, I, the speed
of light, c, the reflection factor of the surface, r and the area of the surface, A [3]:

Fsp =−
I
c
(1+ r)A. (5.90)

From these equations, the identified sizing cases can be analyzed.

5.7.3. AOCS Results

The center of mass of the spacecraft changes its position during the different phases. A
distinction is made between four situations:

1. The SEP stage is completely fueled and the payload module is not attached.

2. The SEP stage is empty and the payload module is not attached.

3. The SEP stage and payload module are docked, both are fueled.

4. The SEP stage and payload module are docked, the fuel at the payload side is
consumed.
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For these different configurations, the center of mass can be determined by using the
equations 5.80 to 5.82 and figure 5.38 as reference frame. The components and their
location that are considered for the calculation can be seen in table 5.49. The results
of the calculation show that the payload causes a significant shift in the center of mass
of the spacecraft (see table 5.50). The two extremes of the center of mass occur for
configuration 2, where the SEP stage is alone and empty, and 3, where the two are
docked and fueled. The difference between the two cases, results in a shift of the center
of mass of 7m. With the position of the center of mass known, the mass moment of
inertia of the spacecraft can be determined by using equations 5.83 to 5.85 (see table
5.50).

Position (m)

Component Mass (kg) x y z

Docking Mechanism 340.2 -0.2185 0 0

Primary Cylinder 165.5 0.85 0 0

Secondary Cylinder 107.5 0.85 0 0

Xenon Tank 9,044 0.85 0 0

Primary Box 33 2.4 0 0

Secondary Box 185 7.15 0 0

SADM 1 243.5 2.3 0 -1.2

SADM 2 243.5 2.3 0 1.2

SAW 1 2,375 2.3 27 -1.2

SAW 2 2,375 2.3 -27 1.2

Radiator 1 489 3.1 0 5.575

Radiator 2 489 3.1 0 -5.575

Thruster Plate 1,736 11.2 0 0

EPS cylinder 3,037 0.85 0 0

Payload 19,181 -6.5 0 0

Payload tanks 23,222 -6.5 0 0

Table 5.49.: The components’ mass and location used for the computation of the Mass
Moment of Inertia.

x (m) y (m) z (m) Ixx (kgm2) Iyy (kgm2) Izz (kgm2)

Configuration 1 2.22 0 0 3.50 ·106 2.08 ·105 3.63 ·106

Configuration 2 3.39 0 0 3.50 ·106 1.84 ·105 3.61 ·106

Configuration 3 -3.62 0 0 3.50 ·106 12.72 ·105 4.70 ·106

Configuration 4 -1.96 0 0 3.50 ·106 9.69 ·105 4.39 ·106

Table 5.50.: The center of mass and mass moment of inertia for different configurations
of the spacecraft.
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Sizing case 1: Steering maneuver

The first sizing case, is compensation of the separation errors caused by the launcher
and the movement of the spacecraft around its y-axis within the orbital plane. The sepa-
ration errors of the Falcon Heavy are currently unknown, therefore the Falcon 9 is used
as reference. Compensation of these errors occurs just after launch, so in the configura-
tion where the SEP stage is fueled and undocked (situation 1). For compensation of the
rotation error, equation 5.86 is used to calculate the required torque. The resulting thrust
can be translated to a propellant demand (see table 5.51). The four gimbaled thrusters
deliver a maximum lateral force of 1.7N and such the time a certain maneuver requires
depends on this maximum thrust. The results show that especially for compensation of
the roll around the x-axis, a long time is required of 100min. For compensation of the
attitude error, equation 5.88 is used to calculate the required torque, which can again be
translated into a propellant demand (see table 5.52).

Axis ωerror (rad/s) ∆t (s) Treq (Nm) Freq (N) mprop (kg)

x 0.0044 7200 2.1 1.68 0.62

y 0.0035 60 12.1 1.35 0.004

z 0.0035 840 15.1 1.68 0.07

Total 0.69

Table 5.51.: The rotation errors of the launcher [51] and the propellant that is required
for compensation.

Axis θerror (rad) ∆t (s) Treq (Nm) Freq (N) mprop (kg)

x 0.024 420 1.9 1.5 0.03

y 0.024 360 0.2 0.02 0.0003

z 0.024 360 2.7 0.3 0.006

Total 0.034

Table 5.52.: The attitude errors of the launcher [51] and the propellant that is required
for compensation.

The amount of propellant that is required for the steering maneuver, depends on the
configuration of the spacecraft. The most demanding orbit is the LEO orbit, which has
an orbital period of 1.572hrs and requires a rotation rate of 0.0011rad/s. After launch,
the rotation first has to be initialized and during the orbit raising, the rotation rate is
slowly reduced and approaches zero again at very high altitudes. This event occurs
four times per mission. The torque that is required for this maneuver, can be calculated
with equation 5.86 and the resulting propellant demand can be seen in table 5.53. For
adjusting the rotation, the mass moment of inertia of configuration 3 around the y-axis
is used, which is the most demanding case.



5. Stage Design 150

ωdes (rad/s) ∆t (s) Treq (Nm) Freq (N) mprop (kg)

Initialize rotation 0.0011 100 2.3 0.3 0.001

Adjust rotation ≈ 0 1.4 ·107 1.0 ·10−4 7.0 ·10−6 0.005

Total (×4) 0.021

Table 5.53.: Propellant required to initialize the rotation and for adjusting the rotation
rate while raising the orbit.

The total propellant demand for sizing case 1 is 0.75kg. This is a very small fraction of
the total Xenon propellant (0.002%).

Sizing case 2: Solar Pressure

The second sizing case that is discussed, is the solar pressure on the spacecraft that
causes a rotation around the y-axis (see figure 5.39). The force that is exerted on the
solar arrays can be calculated by equation 5.90 (see table 5.54). The reflection factor of
an absorptive surface, like the solar array, is equal to zero. The total torque the solar
pressure force exerts on the spacecraft, depends on the position of the center of mass
and thus the worst case occurs in configuration 3. The torque caused by this force has a
sinusoidal character due to the rotation of the solar arrays with respect to the spacecraft.
The propellant demand is estimated by using the root-mean-square (RMS) radius, for
this orbit the total angular momentum is calculated. Multiplying by the total number
of orbits for a single mission, gives the total propellant mass for compensation of the
solar pressure (see table 5.54).

X

Y

F

F

Figure 5.39.: The solar pressure on the solar arrays creates a moment around the y-axis.
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Solar Pressure

Radius RMS (m) 6.95 ·107

Maximum Sun intensity (W/m2) 1414

Reflection factor (−) 0

Total solar array area (m2) 2038

Maximum solar pressure force (N) 9.61 ·10−3

Maximum torque on S/C (Nm) 5.69 ·10−2

Angular Momentum (Nms) 3.3 ·103

Propellant mass for RMS orbit (kg) 1.1 ·10−2

Number of orbits per mission (−) 1300

Total propellant mass (kg) 14.78

Table 5.54.: The solar pressure force exerted on the solar arrays, the resulting angular
momentum and the propellant required for canceling out the angular momentum.

Sizing case 3: Spacecraft rolling

The third sizing case is evaluated to identify the maneuverability of the stage around
the longitudinal x-axis. The mass moment of inertia around this axis is for all the con-
figurations the same (see table 5.50). The four gimbaled thrusters are located at the four
edges of the thruster plate. The torque the thrusters can generate around the x-axis is
significantly lower compared to the other axes, due to the small arm (see table 5.55). As
a result, a relatively long time, of 11.1min, is required to make a roll maneuver of 5 ◦.

Spacecraft Rolling

Thrust (N) 1.7

Thruster y-position (m) 0.67

Thruster z-position (m) 1.46

Maximum torque (Nm) 2.73

Rotation angle (◦) 5

Time required for rotation (s) 668.9

Table 5.55.: The maximum torque of the thrusters around the x-axis and the time
required to make a 5 ◦ roll maneuver.

Since there are currently no disturbance torques around the x-axis identified, there are
no requirements imposed on the rolling agility. This means that no extra systems are
needed to improve the motion around the x-axis. In case requirements are imposed on
the x-axis control, the implementation of a Reaction Wheel or Control Moment Gyro is
advised to increase the x-axis rolling agility.
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Sizing case 4: SADM torque

To calculate the torque that is required to turn the solar arrays, first the mass moment
of inertia of the solar array around its own rotational axis needs to be determined by
using equation 5.84. The resulting mass moment of inertia is equal to 3.048 · 104 kgm2.
Together with the specified rotation rate, the torque that is required for the solar array
can be determined by using equation 5.86, see table 5.56.

SADM Torque

Mass moment of inertia (kgm2) 3.048 ·104

Required maximum rotation rate (rad/s) 1.109 ·10−3

Torque required (Nm) 1.873 ·10−2

Table 5.56.: The torque the stepper motor of the SADM has to generate in order to turn
the solar array.

Resulting AOCS

From the presented sizing cases it can be concluded that the gimbaled thrusters can
provide the required attitude control of the system. Due to the long arm to the center of
mass, the thrusters can easily cancel out disturbances around the y- and z-axis. Around
the x-axis this is more problematic, but no requirements are imposed on this agility. As
a consequence, the thrusters only require extra propellant to execute the AOCS maneu-
vers. On the propellant required for AOCS, margins of 100% are applied according to
the margin philosophy of ESA [75]. Also a set of sensors is identified to resolve the
position of the spacecraft (see table 5.57).

Total mass (kg) Total power demand (W)

Sensors 50.4 89

Propellant for orbital movement 1.2 -

Propellant for solar pressure 29.6 -

Total AOCS 81.2 90

Table 5.57.: The sensors and extra propellant required for the AOCS, including
margins.

The aerodynamic force exerted on the spacecraft was analyzed in the mission analy-
sis and showed that the impact is negligible. The sizing cases do not account for the
influence of thruster misalignment and gravity gradient torques. The impact of these
torques is considered to be negligible at this stage. However, they should be evaluated
in later design phases.
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5.8. Telemetry, Tracking and Command and On-Board Data
Handling

The Telemetry, Tracking and Command (TT&C) system provides the communication
between the spacecraft and ground stations. The processing and execution of com-
mands, coming from the TT&C, is performed by the On-Board Data Handling (OBDH)
system. The TT&C and OBDH system are no driving systems for the spacecraft and
therefore a simple conventional design can be selected. The systems have to comply
with the following requirements:

System Requirement Created

8. The transfer stage shall be able to communicate with an Earth based
ground segment.

Sec. 2.2

9. The transfer stage shall perform the mission automatically, meaning
that the stage can perform some operations by itself (TBD) and for
other commands can be given during the mission.

Sec. 2.2

For the OBDH system, the state of the art Leonardo computer from Thales Alenia is se-
lected. The Leonardo computer provides AOCS support, on board data processing and
telemetry and tele-command handling. Since the computer does not have to process
data from highly sophisticated instruments, it is expected that the performance of the
computer is sufficient for the SEP stage. Also, storage of some data is required, which
is performed by a data recorder of Surrey Technology [97] that provides 16GBytes of
storage. The OBDH is a critical system and requires some redundancy, therefore, for
both the computer and data, an extra unit is included. The amount of data harness that
is required for the OBDH, is included in the total SEP stage’s harness.

For the communications, the S-band is the chosen frequency band. Earlier, there were
concerns that the plasma from the thrusters can result in a phase shift of the communi-
cation signal within the S-band. However, the effect is considered to be relatively small
and thus an conventional S-band antenna can still be used [7] [19]. Due to the high
heritage for S-band communication, existing equipment can be selected. To determine
the required performance of the TT&C system, a link budget needs to be made. This is
however a time-consuming task and therefore a conservative assumption on the total
mass and power of the complete TT&C system has been made (see table 5.58). Com-
pared to the deep-space S-band transponder of Thales Alenia (S/S DST), the budgeted
mass and power are two times higher. The Satellite Management Unit (SMU) provides
an interface between the transponder and the OBDH. Its main task is encoding and
decoding of the communication signal. As baseline, the SMU-V1 of Thales Alenia is
selected. For redundancy purposes, an extra transponder and SMU are included. The
three helix antennas should be located such that omni-directional coverage is obtained,
which is needed when the SEP stage is in a lunar orbit. All the equipment are off-the-
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shelf or have a high heritage and thus margins of 5% are applied on the mass and power
of table 5.58.

Number (−) Mass (kg) Power demand (W)

Leonardo 2 46.2 47.3

Data recorder 2 2.1 15.7

Satellite Management Unit 2 19.3 26.3

S-Band transponder 2 14.7 78.7

S-Band helix antenna 3 2.1 -

Total - 84.4 168

Table 5.58.: Results for the TT&C and OBDH systems for the SEP stage.
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6. Final System Configuration and
Performance Analysis

In the previous chapter, the complete SEP stage was designed. To verify if all mission
objectives and requirements are met, the final system design is presented. In case one
of the components of the stage fail, there will be an impact on the functionality and
performance of the stage. The impact of these different failure modes and critical issues
are discussed in section 6.1. Then, the final mass and power budget will be given and
it will be verified if the proposed design meets the required performance (section 6.2).
Finally, different mission scenarios are suggested and analyzed in section 6.3.

6.1. Critical Issues and Failure Modes

The SEP stage is a complex system, which requires a substantial engineering effort to
make everything operate as desired. In the design, there are some critical issues and
potential failure modes. The critical issues, should be studied more in subsequent de-
sign phases in order to come to a sensible and reliable design. In case a failure occurs
in one of the identified failure modes, it will lead to complications in the mission, al-
though the main mission objectives should still be met. There are two possible failure
modes identified; engine failure and SADM failure, which will be discussed in section
6.1.1 and 6.1.2.

The operation of the solar array on high-voltages, could possibly lead to potential dif-
ferences between the spacecraft’s surfaces and ultimately to electrostatic discharges. To
prevent this, the thruster cathodes are fired at all times, which lowers the spacecraft po-
tential and thus functions as a plasma contactor. Also, in the lay-out of the solar array
strings, the potential difference between adjacent cells is kept at a minimum. A sub-
stantial development effort is expected, to obtain a reliable design of the high-voltage
solar array.

The operation of a DDU in combination with a Hall thruster, is a relatively new devel-
opment and many questions remain. The research done on this topic (see section 5.4.6),
indicates that DDU control is challenging and requires more development and testing
on hardware level. Especially, the start-up of the whole power system and control of the
operation point, by adjusting the Hall thruster mass flow, magnetic field strength and
SSU, will remain a topic of future research. Also, a sudden Hall thruster failure, causing
a short circuit, can possibly destroy the solar array. These practical problems have to
be studied in more detail and solved. Recently, JPL tested a DDU set-up, which proved
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that Hall thruster operation through a DDU is not much different than operation on
conventional power supplies [61].

To validate the operation of a high-voltage solar array in combination with a DDU,
flight tests in space are foreseen. Both the systems should be validated and tested in a
precursor mission, to validate the high-voltage solar array design and secondly, to val-
idate the interplay of solar array pointing and power generation with the Hall thruster
mass flow and magnetic field strength.

The size of the fairing and the placement of the SADM and truss canister, make their
design challenging. The high power demand of this mission, drives the size of the
SADM and the deployable truss inside the canister to such an extent, that their length
is almost longer than the launcher fairing diameter. As a consequence, the designs of
the SADM and canister are critical and deserve a large engineering effort to keep them
as small as possible. Also, the high voltage and power level across the SADM can be
problematic and requires hardware development and testing for validation. In case
higher power levels than the suggested mission are desired, a different configuration is
required or a launcher with a larger fairing diameter should be selected.

As a results of the relatively large canister, the supporting structure of the electric
propulsion is relatively small. This relatively narrow structure of 1.2×2.0m should pro-
vide space for the harness, Xenon feed lines, heat pipes and provide enough strength
to support the thrusters during launch. Therefore, this section forms the ’neck’ of the
stage and is critical in supplying the engines with power and propellant and transport-
ing heat from the EPS to the radiators. The relatively small area in which this has to take
place, makes it critical in nature and requires special attention in future design phases.

Another critical issue is the deployment of the deployable trusses, which deploy the
solar array and thruster plate to its final position. Especially, the deployment of the
thruster plate, which is deployed by four deployable trusses inside a static enclosing
structure, seems to be challenging. If one of the four deployable trusses jams, the plate
will incline and can possible get stuck during the transition to the final position. This
procedure, of moving the plate to the final position, only has to be performed once
and can be tested on the ground extensively for space qualification, to ensure that it
functions in orbit. Also, there is a substantial amount of heritage on these deployable
structures, which have been used on the ISS, on the SRTM Space Shuttle mission and
recently on the NuSTAR mission.

6.1.1. Engine Failure

The SEP stage has fifteen Hall thrusters to provide thrust. In case one engine fails, the
symmetry will be lost and the total thrust vector will shift, which will result in thrust
misalignment. This thrust misalignment can be compensated in two ways:

1. Shut down the mirrored engine.
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2. Tilt the thruster axis of an engine on the opposite side towards the ’inside’ of the
stage, see figure 6.1. In the situation that engine five fails, the force vector of
engine ten (F10) should be pointed such that it coincides with the center of mass.
This method does generate unwanted lateral forces in y- and z-direction, which
cause the stage to shift into the y- and z-direction.
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Figure 6.1.: A bottom view (left) and top view (right), with the failing engine indicated
in red and the direction of the engine’s force that needs to be adjusted to cancel out

undesired torques.

Since the redundancy of the system is only one, it is preferred to gimbal one thruster to
cancel out the undesired torques. In case the engine is not gimballed, the magnitude of
the torque equals:

T = F10

√
d2 + e2. (6.1)

To cancel out this undesired torque, the thrust vector needs to be tilted with respect to
the longitudinal axes:

α = arctan

√
d2 + e2

l
. (6.2)

The force that is contributing to the acceleration of the spacecraft is in the x-direction:

F10,x = F10 cosα. (6.3)

The force that is causing a lateral shift in the y-z plane is:

F10,yz = F10 sinα. (6.4)

This analysis shows, that if a single engine fails, the auxiliary engine is fired and the
gimbaled thrusters are used to compensate for the undesired torque. The worst case



6. Final System Configuration and Performance Analysis 158

occurs when the center of mass is located most backwards and an outer engine fails, like
indicated in figure 6.1. In this situation the thrust vector needs to be tilted with 11.6 ◦

degrees, which results in a thrust loss of 0.05N in the x-direction and, as a consequence,
reduces the thrust from 31.27N to 31.22N. This reduction will affect the transfer time, at
most, with approximately one day and thus all the mission objectives will be met. The
impact of a single engine failure upon the mission is therefore negligible.

Engine Failure

Fengine (N) 2.4 T (Nm) 3.9

l (m) 7.8 α (◦) 11.6

d (m) 1.46 F10,x (N) 2.36

e (m) 0.67 F10,yz (N) 0.49

Table 6.1.: In case one engine fails, in the worst case situation, the thrust vector needs
to be tilted to compensate for the undesired torque.

If more than one engine fails, the mirrored engine has to be shut down as well to avoid
any torque. This has an effect on the overall acceleration and will impact the total
transfer time duration according to figure 4.18. The mission can still be performed,
although the transfer duration will increase.

The resulting lateral force in the y-z plane (0.5N) causes a lateral movement of the
spacecraft. The impact of this force is not considered in the current design phase, since
the force is relatively small. However, in future design phases more detailed analyses
should be performed, which evaluates the impact of an engine failure on the mission
analysis, especially concerning the trajectory.

6.1.2. SADM Failure

The SADM has two functions; applying rotation to the solar array and transferring
power from the solar array to the spacecraft. The power is transferred through the roll
ring assembly. This assembly requires no form of lubrication and the wear is extremely
low, failure is therefore highly unlikely. In case the power transfer is interrupted, which
is doubtfull, the discharge power to the electric engines is halved. As a consequence,
the thrust and initial acceleration are halved and the transition time is approximately
doubled, see figure 4.18. The figure also indicates, that the ∆v required for this initial
acceleration, is not much different. Thus, it is expected that the mission to the Moon
can still be performed, only at the cost of extra transfer time. The transfer from LLO
back to LEO might be more problematic, since an extra ∆v of approximately 100m/s is
needed (see figure 4.19). However, this amount is relatively small (1.4% of the budget
to go from LLO to LEO) and it is expected that the propellant reserves can be used to
go to LEO or a slightly higher orbit. Thus, halving the power only affects the transfer
time and all the other mission objectives can still be met.
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In case the SADM is locked in position due to failure of the stepper motor, there is
also an impact on the AOCS. This question is rather complex and requires elaborated
analysis on AOCS to derive the impact on the propellant usage. However, stepper
motors are applied in almost all space missions and therefore have a high heritage.
This reduces the changes of a failure of this component and it is expected that a reliable
design is feasible.

It can be concluded that the (partially) failure of a SADM, only affects the transfer time
duration, while all the other mission objectives can be met. In case of a locked SADM,
the effect on the AOCS has to be researched. Extensive ground testing is foreseen in
order to qualify the SADM for this specific mission and obtain a reliable component,
failure of the SADM is therefore unlikely.

6.2. System Configuration and Performance

An initial baseline for the system architecture was identified in section 5.2.5. During
the design process, trade-offs were performed to come to a final baseline, which can be
seen in figure 6.2.
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Figure 6.2.: Final Baseline for the System Architecture
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The mission is executed in a sequence of events (see figure 6.3). The SEP stage and
Payload Module are separately launched, by a Falcon Heavy launcher, to a LEO of
500× 500km. In this orbit the docking occurs and the transfer to LLO is performed
by using the propellant of the Payload Module. Once the spacecraft arrives in LLO, the
SEP stage and Payload Module undock. The Payload Module lands on the Moon, while
the SEP stage returns to LEO and can perform a second mission with another Payload
Module. The SEP stage is designed to perform three missions in total.

LEO

LLO

Moon

Earth

Payload
Module

2x Falcon Heavy

SEP Stage

Launch Vehicle
Payload
launch for
2nd mission

Figure 6.3.: The mission sequence of the SEP stage.

The folded and deployed system configuration can be seen in figure 6.4 and 6.5. The
configuration is such that the heaviest components are located as close to the launcher
adapter as possible. The cylindrical section contains the propellant tank, required for
the return to Earth, and all the electronic equipment. On top of the cylinder, the Solar
Array Wing (SAW) assemblies can be identified, which consists out of the Solar Ar-
ray Drive Mechanism (SADM), a canister for storage of the deployable truss and the
booms that contain the flexible solar array. The electric thrusters and DDU are located
just above the canisters and enclosed by the rectangular structure. The radiators are at-
tached to this rectangular structure. Once the SEP stage is in orbit and separated by the
launcher, the thrusters, radiators and SAWs can deploy to its final position (see figure
6.5).
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Figure 6.4.: The folded configuration and dimensions of the SEP stage, the isometric
and second bottom view are inside the fairing.



6. Final System Configuration and Performance Analysis 162

Figure 6.5.: The SEP stage in the deployed configuration, the front and bottom view
are without payload, the right and isometric view are with the payload docked.
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Mass and power budget

Experience learns that the mass budget of a phase 0 study has an accuracy of ±10%.
Due to this accuracy, it is chosen to apply iterations until the new initial mass budget
is within 5% of the previous initial mass budget. The methodology, in which iterations
are applied, can be seen in figure 6.6. A change in the initial mass has the highest
impact on the propulsion and EPS mass, followed by the structure and TCS. The initial
acceleration, specific impulse and required ∆v are kept constant, aswell as the AOCS,
TT&C and OBDH mass.
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Figure 6.6.: Methodology for applying iterations to the design.

Three iterations had to be applied before the new initial mass was within 5% of the
previous initial mass. The resulting mass and power budget can be seen in, respectively,
table 6.2 and 6.3. In the preliminary mass estimate method (see section 4.3.1) it was
estimated that an initial mass of 49,613kg is required to transport a payload of 14,705kg.
When the payload mass is scaled up to 17ton in this method, an initial mass of 53,340kg

is required, which is 22% less compared to the current method. It demonstrates that
the current method, which is based upon physics, experience and applies ESA’s margin
philosophy, is more accurate and reliable than the preliminary method of section 4.3.1.
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Mass budget SEP stage Payload Module Total

mstructure (kg) 2,308 - 2,308

mpropulsion (kg) 2,815 1,818 4,632

mpower (kg) 6,834 - 6,834

mthermal (kg) 1,075 - 1,075

mAOCS (kg) 81 - 81

mOBDH (kg) 48 - 48

mTT&C (kg) 36 - 36

mharness (kg) 1,320 - 1,320

msubsystems (kg) (20%) 17,420 2,181 19,601

mpayload (kg) - 17,000 17,000

mdry (kg) 17,420 19,181 36,601

mprop (kg) 8,248 23,222 31,470

m0 (kg) 25,668 42,403 68,070

Table 6.2.: Resulting mass budget after the third iteration. Note that the payload
module has to harbor the propellant to go from LEO to LLO.

Power Mode 1 Mode 2

budget HVB LVB LVB

Ppropulsion (kW) 564.1 17.5 2.6

Pthermal (kW) - - 0.32

PAOCS (kW) - 0.09 0.09

POBDH (kW) - 0.063 0.063

PTT&C (kW) - 0.105 0.105

ηtotal (kW) 0.975 0.917 0.782

Margin 0% 20% 20%

Ptotal (kW) 578.5 24.5 6.4

PSA,req (kW) 606.8

Table 6.3.: Resulting power budget and required solar array power after the third
iteration. In Mode 1 the stage is in the Sun and the high- and low-voltage bus are

operational, in Mode 2 the stage is in eclipse and only the low-voltage bus is
operational.

The literature study (see chapter 3) provided two mass budgets of other SEP stage de-
signs (see table 3.1 and 3.2). A NASA study from 2005 (see section 3.1) shows a vehicle
with a comparable power level (600kW) and configuration that transfers a payload from
LEO to LLO and returns to LEO. The NASA SEP stage dry mass is 7,996kg, delivers a
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payload of 19,690kg using a total propellant, for two-ways, of 23,000kg. The HEFT
study from 2010-2011 (see section 3.3) resulted in a vehicle with a power of 300kW, ca-
pable of transferring a payload of 40,000kg from LEO to HEO (60,000× 400,000km),
within 2 years. The total dry mass of this vehicle is 12,095kg and total propellant mass
is 40,150kg. So, although the power is halved, the vehicle dry mass is 51% more com-
pared to the 2005 study. Also, comparing the presented mass budget in table 6.2 to the
work in 2005, indicates that the study of 2005 was too optimistic. When the mass budget
is compared to the work of 2011 (see table 3.2), it shows comparable outcomes for most
subsystems, except for the power, which is doubled due to the fact that the power is also
doubled, from 300kW to 600kW. Another difference between the two budgets is in the
harness mass, which is only 365kg for the 300kW version. Also, the HEFT study of 2011
does not apply an additional margin of 20% on the total subsystems mass. However,
experience shows that these margins are required in order to control the mass budget
in future design phases and is thus obviously a shortcoming of the HEFT study.

Compared to chemical rockets, a SEP stage is capable of transporting a larger payload
while having the same initial mass. A study performed at OHB systems showed that
a chemical propelled rocket, with LOX/LH2 as main propellant and an initial mass of
70ton, is capable of transferring 13,325kg of payload to the Moon [2], thus having a
payload mass fraction of 0.19. Reducing the initial mass of this stage to 68ton, reduces
the payload mass to 12.9ton. This indicates that an SEP stage can transfer 32% more
payload than a chemical rocket while having the same initial mass, due to its higher
specific impulse and despite the large power system.

Fulfillment of Requirements

The performance of the stage is reviewed by restating all the top-level requirements and
validate if the requirements have been met. The complete requirements flow-down can
be seen in appendix C. The flow-down is very extensive, although it should be noted
that not all requirements are identified and only the top-level, of the most important
subsystems, are given. It should also be noted that the current mission is very challeng-
ing and that in section 6.3 an alternative mission is suggested, which is less demanding.
In case this alternative mission is accepted, a substantial amount of the identified re-
quirements have to be changed to comply with the new mission.

For the current mission, all the top level requirements were created in section 2.2 and
are again stated in table 6.4 to 6.6. The tables indicates if a requirement is driving the
design and to what extent: high, medium or low. The top level mission requirements
are shown in table 6.4, while the top level system requirements are indicated in table
6.5 and 6.6.
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Mission Requirement Met Driving

1. The transfer stage shall transport a payload of minimal
17ton (TBC) from Earth environment to a LLO of 100×
100km within 200 days (TBD).

Yes, Sec.
6.2

High

2. The stage shall be reusable, meaning that the transfer stage
shall return from LLO to the initial Earth orbit and perform
at least two missions to LLO with the potential of extension
to three missions.

Yes, Sec.
6.2

High

3. The transfer stage shall primarily be propelled by electric
propulsion.

Yes, Sec.
5.3

High

4. The transfer stage shall be powered by solar panels as pri-
mary power source (nuclear power is excluded).

Yes, Sec.
5.4

High

5. The transfer stage and cargo should be launched together
(TBC) with one super heavy lift launch vehicle (TBD). The
launcher has to be available in the next decade (i.e. SLS or
Falcon Heavy).

No, Sec.
4.3.2

High

6. The transfer stage shall dock and un-dock with the cargo,
depending on the mission architecture.

Yes, Sec.
5.5.3

Low

7. The transfer stage shall follow End-of-Life regulations. Yes, Sec.
4.2.4

Low

Table 6.4.: Top level Mission Requirements that have been met and drive the design to
a certain level.

System Requirement Met Driving

1. The transfer stage shall be able to operate in deep-space
environment, specifically the environment surrounding
the Earth and Moon. This includes the Van Allen belts,
solar radiation, solar wind, cosmic radiation, debris and
(micro-) meteoroids.

Yes, Sec.
6.2

Medium

2. The transfer stage shall primarily be using electric
propulsion.

Yes, Sec.
5.3

High

2.1 The electric propulsion shall be provided by Ion or Hall
thrusters, since they have the most favorable characteris-
tics for this mission type.

Yes, Sec.
5.2.2

Medium

2.2 The engine can provide thrust during eclipse. No, Sec.
5.4.6

High

3. The transfer stage shall be powered by solar panels. Yes, Sec.
5.4.7

High

3.1 The solar array shall be deployed autonomously. Yes, Sec.
5.4.7

Medium

Table 6.5.: Top level System Requirements that have been met and drive the design to
a certain level.
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System Requirement Met Driving

3.2 The critical systems shall be powered by batteries during
eclipse time.

Yes, Sec.
5.4.6

Medium

3.3 The EOL power generation of the solar panels shall be
sufficient to maintain proper engine functionality.

Yes, Sec.
5.4.7

High

4. The transfer stage shall have sufficient propellant capac-
ity to perform the transfer.

Yes, Sec.
5.3.5

High

4.1 The most suitable propellant from performance point of
view shall be identified.

Yes, Sec.
5.3.4

Medium

5. The transfer stage shall provide thermal control and ra-
diate all excess heat to space.

Yes, Sec.
5.6.4

Low

6. The transfer stage shall provide a separation mechanism
from its payload. Due to stage reusability, this shall be a
docking mechanism to dock and un-dock with the pay-
load.

Yes, Sec.
5.5.3

Low

7. The transfer stage shall provide 3-axis attitude control
during the entire mission.

Yes, Sec.
5.7

Low

8. The transfer stage shall be able to communicate with an
Earth based ground segment.

Yes, Sec.
5.8

(TBC)

Low

9. The transfer stage shall perform the mission automat-
ically, meaning that the stage can perform some oper-
ations by itself (TBD) and for other commands can be
given during the mission.

Yes, Sec.
5.8

(TBC)

Low

10. The transfer stage shall provide electrical power to the
payload during the transfer.

Yes, Sec.
5.4.6

Low

11. The transfer stage’s configuration should be such that the
direct impingement of the thrusters’ exhaust on the solar
arrays is limited (TBD).

Yes, Sec.
5.5

Low

12. The configuration shall be such that the thermal radia-
tors, solar panels and the docking mechanisms have a
unobstructed field of view.

Yes, Sec.
6.2

Low

13. The structure shall be rigid enough to withstand the
launch loads and the frequencies that are imposed by the
launcher.

Yes, Sec.
5.5.5

(TBC)

Low

Table 6.6.: Top level System Requirements that have been met and drive the design to
a certain level.

In the tables it can be seen that two of the top level requirements have not been met. For
mission requirement 5 it was decided, due to structural reasons and the fairing volume
limitations, not to launch the transfer stage and cargo together. System requirement
2.2 is not met, since a battery mass of 8.6ton would be required to power the thrusters
during eclipse. The resulting performance benefit of firing the thrusters in eclipse is
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limited, while the extra mass that is required is substantial (increase of approximately
50% of the SEP’s subsystem mass). Therefore it is decided not to fire the engines in
eclipse, which relieves the required battery capacity from 2140kWh to 19.9kWh.

The system requirements 8 and 9 are expected to be met by selecting off-the-shelf com-
ponents, that fulfill similar tasks in other missions. Thus, it is expected that these com-
ponents can meet the requirements, although further analysis in a subsequent design
phase is required to confirm this statement. Also, for system requirement 13 a more
sophisticated analysis is required to validate if the structure can withstand all the loads.

The design is directly driven by the mission requirements (see table 6.4 and figure 6.7),
especially the transfer time and the derived initial acceleration have a significant impact
on the thrust, power, propellant and finally on the initial mass. Also the payload mass
drives the subsystems and initial mass. Therefore an analysis in the next section is
done to study the impact on the design in case the payload mass and transfer time
requirement are relieved.

Transfer Time
LEO - LLO

Payload Mass
Electric 

Propulsion
Solar Cell Power 

Generation
Falcon Heavy 

Launcher

Initial Mass

Initial 
acceleration

Thrust

Power Architecture

Subsystems 
Mass 

Total Δv Propellant Mass

Mission Requirements

Specific Impulse

Figure 6.7.: Main system design drivers for the SEP stage.

6.3. Alternative Configurations

Relaxing certain requirements has an impact on the SEP design. The two most driving
requirements, are the transfer time requirement and the payload mass requirement. The
payload mass has an impact on the initial mass, while the transfer time requirement sets
the required initial acceleration. Both have a significant impact on the total initial mass
and therefore on the overall design. The influence of changing these requirements,
leading to a different mission scenario, is analyzed in the current section. The different
mission scenarios, besides the current scenario of a payload mass of 17ton and transfer
time of less than 200days, are:
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• Transfer a payload mass of 17ton from LEO to LLO, with a time duration of ap-
proximately:

– 400days.

– 800days.

• Transfer a payload mass of 10ton from LEO to LLO, with a time duration of ap-
proximately:

– 200days.

– 400days.

– 800days.

Relaxing the transfer time requirement, results in a new sub-optimum specific impulse.
For a transfer time of 400days and 800days, the sub-optimum specific impulse changes
to 2,500s and 3,300s, respectively (see table 6.7). For the 800days, a sub-optimum of
3,800s is a better choice and would lead to ion thrusters instead of hall thrusters. Since
the tools are especially developed for Hall thrusters in combination with a DDU power
system, the specific impulse that is selected equals the upper operation boundary of the
400M thruster, which is 3,300s.

Transfer time (days)

Characteristic 200 400 800

Isp (s) 2,000 2,500 3,300

(F/M)initial (m/s2) 4.8 ·10−4 2.4 ·10−4 1.5 ·10−4

∆vLEO−LLO (m/s) 8,498 8,488 8,486

∆vLLO−LEO (m/s) 8,134 8,268 8,312

Table 6.7.: The specific impulse, initial acceleration and ∆v for the analysis of the
different mission scenarios.

As a consequence of the changing specific impulses, the required initial acceleration
and ∆v differs. Therefore, additional simulations were performed with the Spiral Tool
(see figure A.17 to A.20 in appendix A.2). The resulting initial accelerations and ∆v that
comply with the transfer time, can be seen in table 6.7.

Iterations are applied on the different mission scenarios, according to the methodology
given in figure 6.6. It has to be noted that during the iterations, the AOCS, OBDH
and TT&C masses were left unchanged. Also the structure of the stage was kept the
same, except for the deployable boom that supports the solar array. These assumptions
result in conservative mass estimates for the new scenarios, since their systems are less
demanding in terms of mass and volume and therefore expected to be lighter.

The impact of the different mission scenarios on the SEP dry mass can be seen in table
6.8. For the configuration with a payload of 17ton, doubling of the transfer time from
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200 to 400days, results in a reduction of 42.0% in mass. When the time requirement
is further increased to 800days, only an extra reduction of 27.7% is obtained. For the
10ton variant, the mass reductions are respectively 45.0% and 27.7% when increasing
the time requirement to 400 or 800days. It shows that an increase of the transfer time,
has a significant impact on the SEP dry mass, especially when the time requirement is
relaxed from 200 to 400days. The reduction is much lower for a 800days transfer, which
indicates that there is a minimum system mass that is required to perform the mission.

If the SEP dry mass is compared for the different payload configurations (compare ver-
tically in table 6.8), for 200days, a decrease of 13.2% can be realized when transferring a
payload of 10ton instead of 17ton. For 400days this is 17.8% and for 800days, also 17.8%.
When it is considered that the payload mass is reduced by 41.2%, the reduction in SEP
dry mass is relatively low.

mSEP,dry (ton)
Transfer time (days)

200 400 800

17ton payload 17.4 10.1 7.3

10ton payload 15.1 8.3 6.0

Table 6.8.: The SEP dry mass for the different mission scenarios.

The propellant that is appointed to the payload for the different mission scenarios, to
transfer from LEO to LLO, can be seen in table 6.9. Increasing the mission time from
200 to 400days, results in a propellant mass decrease, respectively for the 17 and 10ton

payload, of 38.8% and 43.2%. For a mission time of 800days, the propellant decrease
is respectively 38.7% and 44.8%. Decreasing the payload from 17 to 10ton results in a
reduction of 20.3%, 26.1% and 33.3% respectively for 200, 400 and 800days.

For the transfer from LLO to LEO (see table 6.10), increasing the mission time from
200 to 400days, results in a propellant mass decrease, respectively for the 17 and 10ton

payload, of 46.3% and 50.0%. For a mission time of 800days, the propellant decrease
is respectively 47.7% and 50.0%. Decreasing the payload from 17 to 10ton results in a
reduction of 7.3%, 13.6% and 17.4% respectively for 200, 400 and 800days. The tables
with the propellant masses indicate, that the most significant reductions are achieved
when the transfer time requirement is relieved.

mprop,LEO−LLO (ton)
Transfer time (days)

200 400 800

17ton payload 23.2 14.2 8.7

10ton payload 18.5 10.5 5.8

Table 6.9.: The propellant mass required to transfer the payload from LEO to LLO, in
different mission scenarios.
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mprop,LLO−LEO (ton)
Transfer time (days)

200 400 800

17ton payload 8.2 4.4 2.3

10ton payload 7.6 3.8 1.9

Table 6.10.: The propellant mass required to return from LLO to LEO, in different
mission scenarios.

For the total initial mass, doubling the transfer time from 200 to 400days, results in a
reduction of 31.1% and 36.7% for the 17ton and 10ton payload, respectively (see table
6.11). In case the transfer time requirement is further increased to 800days, the initial
mass only decreases 23.5% and 27.8%, respectively. This indicates that, for a specified
payload mass, there exists a certain minimum initial mass which is required to transport
the payload, irrespective of the transfer time. When comparing the different payload
masses, the initial mass decrease, respectively, 22.5%, 28.8% and 32.9% for the 200days,
400days and 800days transfer time.

m0 (ton)
Transfer time (days)

200 400 800

17ton payload 68.1 46.9 35.9

10ton payload 52.8 33.4 24.1

Table 6.11.: Initial mass of the total spacecraft for the different mission scenarios.

Similar conclusions can be drawn about the payload mass fraction (see table 6.12).
When the transfer time is increased from 200 to 400days, the payload mass fraction
increases significantly, by 44.8% and 58.2%, respectively for payload masses of 17ton

and 10ton payload. In case the time is further increased to 800days, the increase is, re-
spectively, 30.7% and 38.5%. When transferring a smaller payload, the payload mass
fraction drops by 24.4%, 17.4% and 12.5% compared to the large payload, for respec-
tively a transfer duration of 200, 400 and 800days. The results show that it comes at a
relatively higher cost, in terms of initial mass, to transfer a smaller payload.

mpayload/m0
Transfer time (days)

200 400 800

17ton payload 0.250 0.362 0.473

10ton payload 0.189 0.299 0.414

Table 6.12.: The payload mass fraction for the different mission scenarios.

Other important parameters that change due to the altered mission scenario, can be
seen in table 6.13. From the discussion it can be concluded, that changing the mission
scenario, can increase the payload mass fraction significantly. The preferred mission
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scenario, depends upon the wishes of the customer, although it is advised not to select
a 800days mission, since the transfer time is long and the relative increase in payload
mass fraction is limited. Also, the initial mission of transporting 17ton within 200days,
is considered to be challenging, especially concerning the high power demand for the
EPS. From the three scenarios that are left, there is a preference for the 17ton, 400days

scenario, because of the high payload mass fraction, which is 90% higher compared
to a LOX/LH2 chemical rocket, and a power level (285kW) that is comparable to the
maximum power of ISS, hence a power level familiar to EPS engineers. Though it has
to be noted that the SEP stage requires an extremely compact design compared to the
ISS.

Transfer time (days)

Characteristic 200 400 800

mpayload (kg) 17,000 10,000 17,000 10,000 17,000 10,000

FHET (N) 31.3 24.9 11.6 8.6 5.7 3.9

PEOL (kW) 608 486 285 212 189 129

ASA (m2) 2,040 1,630 957 712 627 434

mSEP (kg) 25,668 22,647 14,444 12,084 9,574 7,833

mprop (kg) 31,470 26,066 18,596 14,249 10,983 7,721

m0 (kg) 68,070 52,800 46,906 33,420 35,937 24,145

mpayload/m0 0.250 0.189 0.362 0.299 0.473 0.414

Table 6.13.: SEP stage characteristics when lowering the transfer time requirement
and/or payload mass.

For the eventually advised mission scenario, no optimization of the launcher selection
is performed. For a more thorough analysis, the launcher selection has to be re-assessed
and therefore there is a probability that the overall design will change. However, the
rational for this parameter study is to show the impact of different mission scenarios on
the design and to advice the customer to reconsider its initial requirements.
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7. Conclusion & Recommendations

The purpose of this study is to create a conceptual system design of a Solar Electric
Propulsion (SEP) stage for Earth-Moon cargo transfer missions. The mission objective
is to transport cargo, at minimum 17ton, from Earth environment to a Low Lunar Orbit
(LLO) by means of a Solar Electric Propulsion stage. It is required that the SEP stage is
propelled by electric propulsion and powered by solar panels. Also, the SEP stage shall
be reusable, meaning that the transfer stage shall return from LLO to the initial Earth
orbit and perform at least two missions. The study is holistic in its nature, which means
that all the aspects concerning an SEP stage will be covered and important systems will
be studied into more detail than others.

The SEP stage performs a spiral transfer from the Earth to LLO. For the mission anal-
ysis, a SPIRAL PROGRAM is written that calculates the transfer as a two-body problem
and is validated using GMAT. The Falcon Heavy is selected as launcher, and the SEP
stage and payload are launched separately, due to launcher volume limitations. The
launcher brings the SEP stage to a stable initial orbit, with limited atmospheric drag, of
500×500km, from where the SEP stage docks with the payload and transfers to a LLO
of 100×100km. This transfer in total requires a ∆v of 8,498m/s, while a ∆v of 8,134m/s is
required to return from LLO to LEO. A preliminary mass analysis is performed, which
shows the initial mass as function of the specific impulse, to select the optimum specific
impulse from the mass point of view. The mass optimum is at a specific impulse of
3200s. However, since the required power for this optimum is very demanding, a sub-
optimum of 2000s is selected, which reduces the power demand with approximately
38% and increases the initial mass with only 7%. For this sub-optimum, the stage re-
quires an initial acceleration of 4.8 · 10−4 m/s2 to transfer the payload in 200days from
LEO to LLO. The discussion demonstrates that there is a strong interdependency be-
tween the mission analysis and the design of the SEP stage, especially concerning the
propulsion and Electric Power System (EPS).

The main focus of the design is on the propulsion and electric power system, since
they are driving the SEP stage’s mass and architecture. The other subsystems are also
covered, although in less detail, to obtain a holistic design. Tools are developed to aid
in the design by using physical relations, experience from OHB systems and methods
from well-established literature. These aspects make the tools reliable in obtaining a
holistic conceptual design for an initial phase 0 study and make it possible to evaluate
different mission scenarios.
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The baseline SEP stage employs Hall thrusters as type of propulsion, due to the large
thrust-to-power ratio and compatible specific impulse. The engines are powered by two
Solar Array Wing (SAW) assemblies, of which the flexible solar array blankets consist
out of highly efficient Inverted Metamorphic Multi-junction (IMM) solar cells. The cells
generate, at the highest operation temperature and at EOL, a power of 608kW, while
operating at a voltage of 400V. The SAW is deployed and structurally supported by a
deployable truss. The operation point of the power system is controlled by the Direct
Drive power processing Unit (DDU) in combination with the Sequential Shunt Unit
(SSU). The main advantage of the DDU, compared to a conventional Power Processing
Unit, is that it is approximately 4% more efficient and therefore reduces the power de-
mand and waste heat. In the launch configuration, the engine platform is located inside
the structure just above the SAWs. Once the stage is in space, this engine platform is
deployed to its final position by coilable booms.

The SEP stage is a complex system, which requires a substantial engineering effort to
make everything operate as desired. The critical issues that are identified are; space-
craft charging, DDU operation, high-voltage solar array operation, high power transfer
with the Solar Array Drive Mechanism (SADM), the truss canister dimensions and de-
ployment of deployable trusses. The spacecraft charging is prevented by operating the
thruster cathodes at all times, which lowers the spacecraft’s potential and the probabil-
ity of an electrostatic discharge. The operation of a DDU in combination with a Hall
thruster is a new development in which still many questions remain. Especially, the
start-up, control of the operation point and possible short circuits that can damage the
solar array, are points of future research. Eventually, a flight test in space is foreseen
to validate the operation of a high-voltage solar array in combination with a DDU. The
high power demand drives the size of the SADM and the deployable truss inside the
canister to such an extent, that their length is almost longer than the launcher fairing
diameter. A large engineering effort is required to keep them as small as possible, while
the SADM is still able to transfer the high voltage and power. In case higher power lev-
els are desired, a different configuration or launcher with larger fairing is required to
perform the mission. The relatively large canister also results in structural challenges,
since connections from the tank and EPS to the propulsion system are situated in a
small area. Moreover, deployment of the solar array and engine platform’s deployable
trusses are challenging and require extensive ground testing for space qualification.

The design of the propulsion system is incorporated with one redundant thruster, which
means that the failure of a single engine does not affect the vehicle’s performance. When
a second engine fails, the mirrored engine should be shut down to eliminate torques act-
ing on the spacecraft. The reduced thrust level has an impact on the mission duration,
although the complete transfer from LEO to LLO and back can still be completed. In
case a SADM fails, which is unlikely due to the roll ring assembly design and possibil-
ity of extensive ground testing, the generated power is halved and thus the resulting
thrust is halved. As a consequence, the transfer time is doubled and it is expected that
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the complete transfer can still be performed.

The complete SEP stage, with the payload docked, results in a total initial mass of
68.1ton to fulfill all mission objectives and requirements. The budget shows a discrep-
ancy of 22% with the method used for the preliminary analysis, which predicted an
initial mass of 53.3ton to transport a payload of 17ton. Therefore, the current method,
which is based upon physics, experience and applies ESA’s margin philosophy, is more
accurate and reliable than the preliminary mass method. Compared to chemical rock-
ets, a SEP stage is capable of transporting a larger payload while having the same initial
mass. A chemical propelled rocket, with LOX/LH2 as main propellant and an initial
mass of 68ton, is capable of transferring 12.9ton of payload to the Moon. This indicates
that a SEP stage can transfer 32% more payload than a chemical rocket while having the
same initial mass. This can increase even further, to 90%, in case the 400days mission
scenario is selected.

The enabling technologies of the SEP stage are the key to mission success and are there-
fore the most critical systems. The enabling technologies that are identified are; the
high power Hall thruster, high power SADM, deployable truss mechanisms, new gen-
eration IMM solar cells and the DDU. These systems are critical in fulfilling the mission
objectives and therefore a substantial development effort should be allocated to these
technologies.

As indicated, a large SEP stage brings forth technical challenges, which are mainly the
large, high power, deployable solar arrays and power management. The high power
demand results in complex and large solar arrays, therefore there is a strong desire to
keep the power demand, and thus the solar array area, as small as possible. One re-
quirement that drives the power demand is the transfer time requirement. By relaxing
this requirement, the initial acceleration will be lower and the resulting power demand
of the electric propulsion will be significantly lower. Alternative configurations were
suggested, in which the transfer time is increased to 400 and 800days and the payload
mass reduced to 10ton. When the transfer time is relaxed to 400days, the required power
is more than halved to 285kW. As a consequence, the initial mass of the stage is lowered
to 46.9ton and the payload fraction of the stage increased to 0.36. The other configura-
tions have proven to be less optimal and thus it is advised to the customer, to change
the mission time duration to 400days, such that a comparable power level to the one
of ISS is obtained. Also, relaxing this requirement relieves some of the critical issues
like the SADM, deployable truss mechanism and corresponding canister size. For the
advised new mission scenario, no optimization of the launcher selection is performed.
For a more thorough analysis, the launcher selection has to be re-assessed and there-
fore there is a probability that the overall design will change. However, the rational of
the performed parameter study is to show the impact of a different mission scenario
on the design and to advice the customer to reconsider its initial requirements. In case
the mission scenario is changed to the one advised to the customer, the requirement
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flow-down has to be re-assessed.

In conclusion, this thesis provides a conceptual design of a solar electric propulsion
stage that can fulfill the mission objectives. Also, the effect of different mission scenarios
on the design are researched, which results in the advice to change the transfer time
requirement from 200days to 400days. For the future design phases it is advised to
improve the mission analysis by improving the trajectory computation of the Spiral
Program. Furthermore, the design of the subsystems can be performed in more detail,
resulting in more accurate mass and power budgets. In these subsequent design phases,
changes to the configuration and even architecture are anticipated.
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A. Validation and Results of the Spiral
Program

A.1. Validation of Keplerian Parameters

To make an initial validation of the Spiral program a comparison of the shown behavior
with the theory is needed. Therefore five simulation cases are defined to see if the
program is behaving as expected.

The cases one to three are simulated with a predefined amount of fuel and therefore the
simulation is stopped when 3,000 kg of fuel is burned. For case 2, it is assumed that the
Earth’ shadow is at the other side of the Earth at the moment the spacecraft starts firing.
The shadow is rotating around the Earth with a period of one year. The cases four and
five are stopped when the Moon’s sphere of influence is reached. The specific impulse
is for every case equal to 2800 s. In table A.1 the initial values for every simulation case
can be found.

Variable Case 1 Case 2 Case 3 Case 4 Case 5

Initial mass (kg) 50,000 50,000 50,000 50,000 50,000

Initial height (km) 1,000 1,000 10,000 200 35,786

Initial orbit (km) 7,371 7,371 16,371 6,571 42,157

Target orbit (km) - - - 319,902 319,902

Time interval (s) 200 200 200 200 200

Initial burn time (s) 5,400 5,400 5,400 5,400 5,400

Propellant mass (kg) 3,000 3,000 3,000 - -

Eclipse No Yes No No No

Table A.1.: Different Test Cases

The simulations gave some interesting results (see table A.2) and show an unexpected
behavior for the end value of the semi-major axis of case two, which is higher than that
of case one. This can be explained by using the ideal Hohmann transfer, the eccentricity
and orbital energy.

In the ideal case, an impulsive shot will result in an eccentricity increase and therefore
an elliptical orbit. When another impulsive shot is applied in the apogee, the eccen-
tricity is decreasing and the orbit is becoming circular again. With the behavior of the
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eccentricity in the ideal case in mind, the spiral case can be discussed. The change of
the eccentricity in time can be expressed by the variation of parameters equation in the
Gaussian form [4], considering only tangential accelerations:

de
dt

=

√
1− e2√

µ

a

(
cos(ν)+

e+ cosν

1+ ecosν

)
Ft

M
(A.1)

The formula shows that when a tangential force, and therefore acceleration, is applied,
the eccentricity changes. This change has a phase, frequency and amplitude (see A.1).
In figure A.2 the oscillation of the eccentricity can be seen. It shows that the short
periodic disturbance is equal to the orbital period of the satellite. The formula also
illustrates that the eccentricity is depending on the acceleration and semi-major axis. So
the exponential increase of the eccentricity is explained by the growing semi-major axis
and acceleration.

Case F (N) Mp (kg) ∆V (m/s) Rend (km) Vend (km/s) e (−) a (km) t (days)

1 2 3000.2 1699 12465.7 5.655 0.0000 12465.6 476.8

1 4 3000.2 1699 12465.7 5.655 0.0001 12465.6 238.4

1 8 3000.2 1699 12465.4 5.656 0.0002 12465.6 119.2

1 16 3001.8 1700 12470.1 5.654 0.0002 12469.6 59.6

2 2 3000.0 1699 12662.7 5.567 0.0174 12468.3 632.0

2 4 3000.0 1699 12701.2 5.551 0.0200 12473.8 316.4

2 8 3000.0 1699 12577.6 5.621 0.0920 12536.5 159.5

2 16 3000.1 1699 12264.2 5.774 0.1231 12584.2 80.3

3 2 3000.2 1699 38078.7 3.236 0.0003 38078.4 476.8

3 4 3000.2 1699 38078.0 3.236 0.0007 38078.4 238.4

3 8 3000.2 1699 38072.9 3.236 0.0012 38078.4 119.2

3 16 3001.8 1700 38090.7 3.236 0.0023 38100.1 59.6

4 2 10638 6569 326344 1.106 0.0271 326823 1690.4

4 4 10641 6571 326511 1.108 0.0538 328370 845.4

4 8 10650 6577 326754 1.116 0.1054 333589 423.1

4 16 10673 6593 326794 1.141 0.2006 350028 212.0

5 2 3462.0 1970.3 326301 1.106 0.0228 326606 550.1

5 4 3464.4 1971.7 326342 1.108 0.0458 327726 275.3

5 8 3472.2 1976.3 326792 1.113 0.0897 331645 137.9

5 16 3492.7 1988.4 326369 1.132 0.1708 343398 69.4

Table A.2.: End results for the different simulation cases
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Figure A.1.: Case 1 - Change of eccentricity over time
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Figure A.2.: Case 1 - Change of eccentricity over for one day

If no thrust is applied in the Earth shadow, a new long periodic disturbance is added
to the eccentricity with a period of one year, as seen in figure A.3. Figure A.4 indicates
that when the satellite is in the shadow, there is no change in the eccentricity. In the
beginning of the simulation this causes the eccentricity to increase rapidly, while after
180 days the effect is reversed and the eccentricity decreases (see figure A.5). This long
periodic behavior explains why the eccentricity for this case is so much higher as for
case one.
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Figure A.3.: Case 2 - Change of eccentricity over time
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Figure A.4.: Case 2 - Change of eccentricity over time for one day
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Figure A.5.: Case 2 - Change of eccentricity over time for two days

To explain why the semi-major axis is higher for case two a closer look is taken at the
orbital energy:

C =
v2

2
− µ

r
(A.2)

In case an elliptical orbit is assumed with a perigee and apogee, the change in energy at
the perigee side from one orbit to the next is:

∆Cp = Cp1−Cp0 =

(
vp0 +∆v

)2

2
−

v2
p0

2
+µ

(
1
r0
− 1

r1

)
(A.3)

If we neglect the change in radius, which is especially at LEO orbits very small, and
only focus on the velocity, the orbital energy change is equal to:

∆Cp = vp0∆v+
∆v2

2
(A.4)

The same procedure can be applied for the orbital energy change in the apogee:

∆Ca = va0∆v+
∆v2

2
(A.5)

Now considering the fact that the velocity in perigee is larger than in apogee, a logical
conclusion is:

∆Cp > ∆Ca (A.6)

In simulation case two the engines do not give thrust in the eclipse, which is positioned
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in the apogee. This means that more propellant is burned in the perigee region and as
a logical consequence the increase in orbital energy is for case two higher than for case
one. This explains the higher semi-major axis. Together with the higher eccentricity for
the eclipse case, it can be concluded that:

(
dC
dt

)
eclipse

>

(
dC
dt

)
no−eclipse

(A.7)

The comparison between case one and three shows that the initial orbit has a large
impact on how much the orbit is raised by using a predefined amount of fuel. In case
one the orbit is raised by 5,095 km, while for case three the orbit is raised by 21,708 km.
It is expected that in case three the relative decrease in orbital energy is larger than in
case one. The change in orbital energy for both cases, normalized to their initial orbit,
is:

∆C1

C1−initial
=

1
C1−initial

[
v2

end
2
−

v2
initial
2

+µ

(
1

rinitial
− 1

rend

)]
=

11,052,970
−27,066,883

=−0.41 (A.8)

∆C3

C3−initial
=

1
C3−initial

[
v2

end
2
−

v2
initial
2

+µ

(
1

rinitial
− 1

rend

)]
=

6,941,671
−12,176,861

=−0.57 (A.9)

This shows that at an higher orbit less propellant is required to make a certain orbital en-
ergy change. This is logical since the effect of gravity decreases with increasing height.

The same can be seen when comparing case four and case five. In these simulations
the radius propagates until the sphere of influence of the Moon is reached. It shows
that roughly three times less propellant mass is required in case the initial orbit is GEO
instead of LEO.

The eccentricity plots of case three to five, can be seen in figure A.6 to A.8. They all be-
have the similar to the first case. In case four and five it can be seen that the exponential
increase of the eccentricity becomes more dominant when moving further away from
the Earth, see equation A.1.
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Figure A.6.: Case 3 - Change of eccentricity over time

 0

 0.05

 0.1

 0.15

 0.2

 0  200  400  600  800  1000  1200  1400  1600

E
cc

e
n
tr

ic
it

y
 i
n
 -

Time in days

16N

8N

4N

2N

Figure A.7.: Case 4 - Change of eccentricity over time
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Figure A.8.: Case 5 - Change of eccentricity over time

All the plots of how the semi-major axis is behaving over time can be seen from figure
A.9 to A.13. The change of the semi-major axis in time can also be expressed by the
variation of parameters equation in the Gaussian form [4], considering only tangential
accelerations:

da
dt

=
2√

µ

a3

√
1− e2

(1+ ecos(ν))
Ft

M
(A.10)

Just as with the eccentricity, the semi-major axis changes when a tangential force is ap-
plied. The second term within brackets is very small, because of the small eccentricity in
a spiral transfer. Therefore this periodic behavior is not seen in the results. The change
of the semi-major axis is mainly dominated by the acceleration and by the semi-major
axis itself. The higher the semi-major axis, the smaller the effect of gravity upon the
spacecraft. This fact, together with the growing acceleration, explains the exponential
growth of the semi-major axis, which can be seen in the figures.
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Figure A.9.: Case 1 - Change of semi-major axis over time
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Figure A.10.: Case 2 - Change of semi-major axis over time
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Figure A.11.: Case 3 - Change of semi-major axis over time
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Figure A.12.: Case 4 - Change of semi-major axis over time
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Figure A.13.: Case 5 - Change of semi-major axis over time

For case one and two also the polar plots of the trajectory are shown for illustration
purposes (see figure A.14 and A.15). The black part in the second figure indicates the
part of the eclipse. The plots show an expected behavior of a very slowly increasing
radius of the orbit, resulting in a ’donut’ shaped plot.

Radius in km

 4000 7000  14000

Figure A.14.: Case 1 - Polar plot of the trajectory
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Figure A.15.: Case 2 - Polar plot of the trajectory with eclipse

A.2. Spiral Program Simulations
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eclipse).
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Figure A.17.: The time and ∆v as function of the initial acceleration for an Isp of 2,500s.
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Figure A.18.: The time and ∆v to return from LLO to LEO, as function of the initial
acceleration for an Isp of 2,500s.



A. Validation and Results of the Spiral Program 198

7200

7400

7600

7800

8000

8200

8400

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1
0

200

400

600

800

1000

1200

∆
v

in
m
/

s

Ti
m

e
in

da
ys

Initial thrust-to-mass ratio ·10−3 in m/s2

∆v
Time
7710.39

(
F

m0
·103

)−0.0002825

Figure A.19.: The time and ∆v as function of the initial acceleration for an Isp of 3,300s.
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Figure A.20.: The time and ∆v to return from LLO to LEO, as function of the initial
acceleration for an Isp of 3,300s.
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B. Data

B.1. Solar Array Drive Mechanisms

SADM Manufacturer Type Power (kW) Mass (kg) MRS (◦/s) NoR

BGA (ISS) Honeywell RR 45 24 5.73

HP SADM Astrium 26 5,475

High Power Thales SR 15 4.396

Low Power Thales SR 4.5 4.31

MP SADM Astrium 9.9 5,475

RR C4 NASA LRC RR 200 0.067 315,000

RR C8 NASA LRC RR 400 0.067 599,000

SARJ (ISS) Honeywell RR 65.5 136 0.498

SEPTA-14 RUAG 14 45

SEPTA-23 RUAG SR 4-9 6

SEPTA-24 RUAG SR 19.8 6 0.75 12,000

SEPTA-31 RUAG SR 1-2 2.7 1 35,000

SEPTA-32 RUAG SR 2-3 3.5 1 35,000

SEPTA-33CS SR 2 4 0.4

SEPTA-41 SR 0.8 1.5

Type 2 NT Aerospace 7.5 22
SR: Slip Ring RR: Roll Ring LRC: Lewis Research Center
MRS: Maximum Rotation Speed NoR: Number of Revolutions

Table B.1.: Database of Solar Array Drive Mechanisms [53] [54] [92] [93] [94].
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B.2. Hall Thrusters

Engine Type F (N) P (kW) Isp (s) F
P (mN/kW) η (−) m (kg) OL (hrs)

BHT-10k HT 0.556 10 2200 55.6

BHT-20k HT 1.08 20 2750 54.0 0.7

BHT-8000 HT 0.512 8 1900 64.0 20

BHT-RT-1500 RHT 0.15 4 2230 37.5 0.41

BHT-RT-3000 RHT 0.2 3 1950 53.3 0.57

BPT-2000 HT 0.12 2.2 1765 54.5 0.48 5.2 6000

BPT-4000 HT 0.27 4.5 1950 60.0 0.58 7.5 6000

D50 HT 0.048 0.8 1700 60.0 300

HET C3C NHT 14 200 2500 70.0 0.64

HET-300 HT 0.015 0.3 1300 50.0 1.5 1000

HIVHAC HT 0.43 8 2800 53.8 0.62 6000

HT-30 ALTA HT 1.55 30 2500 51.7 0.6

NASA-1000M HT 6.5 150 2900 43.3 0.65 30000

NASA-173GT TSHT 0.194 5.5 1981 35.3

NASA-300M HT 1.1 20 2900 55.0 0.66

NASA-400M HT 1.02 43 4000 23.7 0.64

NASA-457M HT 3 50 3250 50.0 0.65 87 8000

P5 HT HT 0.246 5 2326 49.2

PPS-1350 HT 0.09 1.5 1660 60.0 0.55 5.3

PPS-5000 HT 0.276 5 1763 55.2

PPS-20k ML HT 1 20 2500 50.0 0.6 25

SPT-70 HT 0.04 0.7 1500 57.1 0.45 2 3000

SPT-100 HT 0.08 1.35 1600 59.3 0.5 3.5 9000

SPT-140 HT 0.3 5 1750 60.0 0.55

SPT-290 HT 1.5 30 3300 50.0 0.65 23 27000

T-220 HT 1 20 2500 50.0 1000

VHITAL 160 TSHT 0.71 25 8000 19.7 0.79

X2 NHT NHT 0.46 6 2400 76.7
OL: Operational Life HT: Hall Thruster NHT: Nested Hall Thruster
RHT: Racetrack Hall Thruster TSHT: Two Stage Hall Thruster

Table B.2.: Database of Hall Thrusters [1].
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B.3. Solar Cells

Solar Cell Company η (%) Pspec (W/kg) Adens (W/m2) Pstow (kW/m3) Ref.

a-Si:H SJ SRS Tech. 9.5 1200 122 100 [34] [33]

a-Si:H SJ 12.4 5950 170 [33]

a-Si TJ 9 770 [6]

a-Si TJ 9 2750 [6]

a-Si TJ GRC 12.0 [6]

a-Si TJ 9.5 2343 [34]

CIGS DLR 12.7a [34]

CIGS 20a [34]

CIGS 18.7a [34]

CIGS 8 1280 [41]

CIGS 466 [41]

CIGS 1863 [41]

GaAs DJ Emcore 23.5 95 271 [57]

GaAs TJ Emcore 26 108 306 [57]

GaAs TJ RP 30 45 300 15 [44]

GaAs TJ FP 30 180 300 40 [44]

GaAs TJ UF ATK 118 [40]

GaAs TJ SLA 30 150 300 30 [44]

GaAs TJ SLA Emcore 30 500 400 80 [34]

IMM TJ Emcore 33 3650 [34]

IMM TJ JAXA 24.9 4500 [34]

IMM TJ Emcore 31.3 425 [58]

IMM TJ UF ATK 27 175 [40]

IMM TJ UF ATK 33 500 50 [95]

IMM 4J Emcore 33.1 448 [58]

IMM 4J Emcore 34.5 [37]

IMM 5J Emcore 35.8 [37]

IMM 6J Emcore 37.8 [37]

Si SJ Emcore 17 75 169 [57]

Si (ISS) 14.5 30 100 1.20 [34]
a: Under AM1.5 conditions
SJ: Single Junction DJ: Double Junction TJ: Triple Junction
4J: Four Junction 5J: Five Junction 6J: Six Junction
RP: Rigid Panel FP: Flexible Panel UF: UltraFlex Panel
SLA: Stretched Lens Array GRC: NASA Glenn Research Center

Table B.3.: Database of the performance of Solar Cells under AM0 conditions.
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B.4. Developed Tools

Thermal Control
System

  Sizing of:
- Radiator
- Heater
- Heat pipes
- MLI

Attitude & Orbit Control 
System

  Determines:
- Center of Mass
- Mass Moment of 
Inertia
- Propellant usage for 
sizing cases.

Mega Tool

Electric Power System

  Sizing of:
- Solar array
- Battery
- SADM
- PCDU
- SSU

Propulsion

  Sizing of:
- Tanks
- Thruster
- Feedlines
- DDU (cabling)
- Gimbals

Structure & Mechanisms

  Sizing of:
- Primary structures (Analyzed on stiffness, 
strength, buckling)
- Secondary structures
- Deployable mechanisms

Mission Analysis Tool

  Determines:
- Delta-v
- Transfer time
- Engine burn time
- Number of orbits

Preliminary Analysis Tool

  Determines:
- Sub-optimum specific 
impulse

Figure B.1.: Overview of the developed tools.
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C. Requirements Flow-Down

Mission Requirement Created Met

1. The transfer stage shall transport a payload of minimal
17ton (TBC) from Earth environment to a LLO of 100×
100km within 200 days (TBD).

Sec. 2.2 Yes, Sec.
6.2

1.1 The initial orbit within the Earth environment shall be a
LEO of 500×500km.

Sec. 4.2.3 Yes, Sec.
6.2

1.2 To transfer from LEO to LLO, a ∆v of 8498m/s shall be
provided by the engines.

Sec. 4.3.1 Yes, Sec.
6.2

1.3 The initial acceleration in LEO shall be 4.8 ·10−4 m/s2. Sec. 4.3.1 Yes, Sec.
5.3.8

2. The stage shall be reusable, meaning that the transfer
stage shall return from LLO to the initial Earth orbit and
perform at least two missions to LLO with the potential
of extension to three missions.

Sec. 2.2 Yes, Sec.
6.2

2.1 To transfer from LLO to LEO, a ∆v of 8134m/s shall be
provided by the engines.

Sec. 4.3.1 Yes, Sec.
6.2

2.2 The total transfer from LEO to LEO of a single mission
shall be performed within 300days.

Sec. 4.3.1 Yes, Sec.
6.2

3. The transfer stage shall primarily be propelled by elec-
tric propulsion.

Sec. 2.2 Yes, Sec.
5.3

4. The transfer stage shall be powered by solar panels as
primary power source (nuclear power is excluded).

Sec. 2.2 Yes, Sec.
5.4

5. The transfer stage and cargo should be launched to-
gether (TBC) with one super heavy lift launch vehi-
cle (TBD). The launcher has to be available in the next
decade (i.e. SLS or Falcon Heavy).

Sec. 2.2 No, Sec.
4.3.2

5.1 The transfer stage and cargo shall be launched by Falcon
Heavy to a 500×500km orbit.

Sec. 4.2.3 Yes, Sec.
6.2

5.2 The transfer stage and cargo shall be launched sepa-
rately.

Sec. 4.3.2 Yes, Sec.
6.2
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Mission Requirement Created Met

6. The transfer stage shall dock and un-dock with the
cargo, depending on the mission architecture.

Sec. 2.2 Yes, Sec.
5.5.3

7. The transfer stage shall follow End-of-Life regulations. Sec. 2.2 Yes, Sec.
4.2.4

7.1 During the last mission the SEP stage shall be disposed
by de-orbitting it from LLO to impact with the Moon’s
surface, which requires a ∆v of 64.6m/s.

Sec. 4.2.4 Yes, Sec.
5.3.5

System Requirement Created Met

1. The transfer stage shall be able to operate in deep-
space environment, specifically the environment sur-
rounding the Earth and Moon. This includes the Van
Allen belts, solar radiation, solar wind, cosmic radia-
tion, debris and (micro-) meteoroids.

Sec. 2.2 Yes, Sec.
6.2

1.1 The solar arrays shall be sized to endure, during
its lifetime, a total current irradiation of 16.347 ·
1014 MeV/cm2 and voltage irradiation of 21.132 ·
1014 MeV/cm2.

Sec. 4.4 Yes, Sec.
5.4.7

2. The transfer stage shall primarily be using electric
propulsion.

Sec. 2.2 Yes, Sec.
5.3

2.1 The electric propulsion shall be provided by Ion or
Hall thrusters, since they have the most favorable char-
acteristics for this mission type.

Sec. 2.2 Yes, Sec.
5.2.2

2.1.1 The specific impulse of the engine shall be 2,000s. Sec. 4.3.1 Yes, Sec.
5.3.8

2.1.2 The initial acceleration in LEO shall be 4.8 ·10−4 m/s2. Sec. 4.3.1 Yes, Sec.
5.3.8

2.1.3 A single engine shall operate 5,590hrs per mission for
at least two missions with the potential of extension to
three missions.

Sec. 4.3.1 Yes, Sec.
5.3.8

2.1.4 The electric propulsion shall be provided by Hall
thrusters.

Sec. 5.2.2 Yes, Sec.
5.3.8

2.1.5 The thrusters shall require a total power of 529kW. The
heater, keeper and magnet supply shall require 3% of
this power.

Sec. 5.3.8 Yes, Sec.
5.4.6

2.2 The engine can provide thrust during eclipse. Sec. 2.2 No, Sec.
5.4.6

2.2.1 The SEP stage requires a battery with a capacity of
2140kWh.

Sec. 5.4.6 No, Sec.
5.4.6



C. Requirements Flow-Down 205

System Requirement Created Met

2.3 The engines should be placed such that the thruster ex-
haust plume is not in contact with the solar array sur-
face, to mitigate solar array degradation.

Sec. 5.2.1 Noa,
Sec.
5.3.3

2.3.1 To limit the plume impingement, the thrusters shall be
placed in line with the solar array width.

Sec. 5.3.3 Yes, Sec.
5.5

2.3.2 The solar array shall be designed such that it accounts
for the ion impingement losses.

Sec. 5.3.3 Yes, Sec.
5.4.7

2.4 The thruster’s cathode shall operate continuously to
prevent spacecraft charging, also in eclipse. A mini-
mum power of 200W per cathode is required.

Sec. 5.3.3 Yes, Sec.
5.4.6

2.5 The Xenon Feed System (XFS) shall transfer propellant
from the tanks to the electric thrusters.

Sec. 5.3.6 Yes, Sec.
5.3.6

(TBC)

2.5.1 The XFS shall accept a inlet pressure of 12MPa and pro-
vide a pressure of 0.245− 0.265MPa (TBC) to the en-
gines.

Sec. 5.3.6 Yes, Sec.
5.3.6

2.5.2 The XFS shall provide a maximum mass flow of 6.4g/s
and distribute it over all operating engines.

Sec. 5.3.6 TBD

3. The transfer stage shall be powered by solar panels. Sec. 2.2 Yes, Sec.
5.4.7

3.1 The solar array shall be deployed autonomously. Sec. 2.2 Yes, Sec.
5.4.7

3.2 The critical systems shall be powered by batteries dur-
ing eclipse time.

Sec. 2.2 Yes, Sec.
5.4.6

3.3 The EOL power generation of the solar panels shall be
sufficient to maintain proper engine functionality.

Sec. 2.2 Yes, Sec.
5.4.7

3.3.1 The solar array should generate an EOL voltage of
400V.

Sec. 5.4.7 Yes, Sec.
5.4.6

3.3.2 The solar array should generate an EOL power of
607kW.

Sec. 5.4.6 Yes, Sec.
5.4.6

3.4 The solar array should consist out of two Solar Array
Wings.

Sec. 5.2.1 Yes, Sec.
5.4.7

3.5 The solar array shall fit inside the launcher fairing. Sec. 4.3.2 Yes, Sec.
6.2

3.6 The power system shall operate with a Direct Drive
power processing Unit (DDU).

Sec. 5.2.3 Yes, Sec.
5.4.6

3.6.1 The DDU shall operate in combination with an Se-
quential Shunt Unit to obtain full control on the op-
eration point.

Sec. 5.4.6 Yes, Sec.
5.4.6

3.6.2 The DDU shall contain a filter to compensate for
thruster oscillations.

Sec. 5.3.8 Yes, Sec
5.4.6

a: Complete elimination of ion impingement to the solar arrays is impossible, although it is limited as
much as possible.
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System Requirement Created Met

3.7 The power system should deliver a voltage of 300−
600V to the thrusters.

Sec. 5.3.8 No, Sec
5.4.6

3.7.1 A high voltage bus, operating between 400− 815V
should deliver power to the thruster anode.

Sec. 5.4.6 Yes, Sec.
5.4.6

3.8 The Solar Array Drive Mechanism (SADM) shall pro-
vide an interface between the spacecraft and solar ar-
ray.

Sec. 5.2.3 Yes, Sec.
5.4.2

3.8.1 The SADM should have one gimbal and thus be sized
for off-pointing errors.

Sec. 5.4.1 Yes, Sec.
5.4.2

3.8.2 The SADM shall at least provide a total number of 4054
rotations.

Sec. 5.4.2 Yes, Sec.
5.4.2

(TBC)

3.8.3 The SADM shall have a minimum rotation speed of
0.064 ◦/s.

Sec. 5.4.2 Yes, Sec.
5.4.2

(TBC)

3.8.4 A single SADM shall transfer a maximum power of
569kW.

Sec. 5.4.2 Yes (Sec.
5.4.2)

3.9 The subsystems, payload and heater, keeper and mag-
net supply shall receive power from a low voltage bus
operating at 50V (TBC).

Sec. 5.4.6 Yes, Sec.
5.4.6

4. The transfer stage shall have sufficient propellant ca-
pacity to perform the transfer.

Sec. 2.2 Yes, Sec.
5.3.5

4.1 The most suitable propellant from performance point
of view shall be identified.

Sec. 2.2 Yes, Sec.
5.3.4

4.1.1 The transfer stage shall be propelled by Xenon. Sec. 2.2 Yes, Sec.
5.3.4

4.2 The payload shall incorporate the propellant to trans-
fer from LEO to LLO, for the first and final mission.
For other missions, the payload shall incorporate pro-
pellant to perform the complete mission, from LEO to
LEO.

Sec. 5.2.1 Yes, Sec.
5.3.5

4.3 The SEP stage’s tanks shall have enough capacity to
store the propellant required to transfer from LLO to
LEO.

Sec. 5.2.1 Yes, Sec.
5.3.5

4.3.1 The propellant tanks should be kept at a temperature
in between 20◦C and 30◦C.

Sec. 5.3.5 Yes, Sec.
5.6

(TBC)
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System Requirement Created Met

4.4 The propellant tanks shall remain intact throughout
the lifetime of the spacecraft

Sec. 5.3.5 TBD

4.4.1 The propellant tanks shall withstand a maximum pres-
sure of 12MPa.

Sec. 5.3.5 Yes, Sec.
5.3.5

4.4.2 The propellant tanks shall provide sufficient strength
to carry it’s own load, especially during launch.

Sec. 5.3.5 TBD

5. The transfer stage shall provide thermal control and
radiate all excess heat to space.

Sec. 2.2 Yes, Sec.
5.6.4

5.1 During eclipse, a heater shall operate at 320W to keep
the stage’s temperature above 0◦C

Sec. 5.6.4 Yes, Sec.
5.4.6

6. The transfer stage shall provide a separation mecha-
nism from its payload. Due to stage reusability, this
shall be a docking mechanism to dock and un-dock
with the payload.

Sec. 2.2 Yes, Sec.
5.5.3

6.1 The docking mechanism shall provide propellant
transfer.

Sec. 5.2.1 Yes, Sec.
5.5.3

6.1.1 At a pressure of 12MPa. Sec. 5.3.6 TBD

7. The transfer stage shall provide 3-axis attitude control
during the mission.

Sec. 2.2 Yes, Sec.
5.7

7.1 Four gimbaled thrusters should provide enough
agility for the stage.

Sec. 5.3.9 Yes, Sec
5.7

(TBC)

7.2 The attitude sensors shall operate at a total power of
90W.

Sec. 5.7.1 Yes, Sec.
5.4.6

8. The transfer stage shall be able to communicate with
an Earth based ground segment.

Sec. 2.2 Yes, Sec.
5.8

(TBC)

8.1 The Telemetry, Tracking and Command system shall
operate at a total power of 105W.

Sec. 5.8 Yes, Sec.
5.4.6

9. The transfer stage shall perform the mission automat-
ically, meaning that the stage can perform some oper-
ations by itself (TBD) and for other commands can be
given during the mission.

Sec. 2.2 Yes, Sec.
5.8

(TBC)

9.1 The On-Board Data Handling shall operate at a total
power of 63W.

Sec. 5.8 Yes, Sec.
5.4.6
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System Requirement Created Met

10. The transfer stage shall provide electrical power to the
payload during the transfer.

Sec. 2.2 Yes, Sec.
5.4.6

10.1 The payload shall operate at a maximum power of
1kW.

Sec. 5.4.6 TBC

10.2 The docking mechanism shall provide power transfer
between the payload and SEP stage.

Sec. 5.4.6 Yes, Sec.
5.5.3

11. The transfer stage’s configuration should be such that
the direct impingement of the thrusters’ exhaust on the
solar arrays is limited (TBD).

Sec. 2.2 Yes, Sec.
5.5

12. The configuration shall be such that the thermal radia-
tors, solar panels and the docking mechanisms have a
unobstructed field of view.

Sec. 2.2 Yes, Sec.
6.2

13. The structure shall be rigid enough to withstand the
launch loads and the frequencies that are imposed by
the launcher.

Sec. 2.2 Yes, Sec.
5.5.5

(TBC)

13.1 The structural design shall aim for simple load paths
and maximize the use of conventional materials.

Sec. 5.5 Yes, Sec.
5.5.5

13.2 The structure shall protect all systems, excluding solar
array and radiators, to the radiation and debris of the
space environment.

Sec. 5.5 Yes, Sec.
5.5.5

13.3 The structure shall fit into the adjusted Falcon Heavy
fairing, with inner diameter of 4.6m, cylindrical height
of 12.4m and total height of 16.6m.

Sec. 5.5 Yes, Sec.
6.2

14. The deployable mechanisms shall be designed to with-
stand a natural frequency of 0.1Hz (TBC) in the de-
ployed state.

Sec. 5.5 Yes, Sec.
5.5.5

(TBC)
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D. Master Thesis Proposal

D.1. Introduction

Recently there is a renewed interest to go back to the Moon. The International Space
Exploration Coordination Group (ISECG), consisting out of 14 space agencies, updated
a Global Exploration Roadmap in September 2011 [18]. This roadmap examines possi-
ble pathways in the next 25 years and developed two mission scenarios. One of these
scenarios is the ’Moon Next’ scenario, where it is planned to go to the Moon around
2028 and establish a long lasting human campaign. This human campaign needs to be
supplied by resources, which will be provided by cargo freighters. With the current
means these cargo freighters are too expensive and therefore new developments in this
area are required.

One of the options for such a cargo freighter is by using a Solar Electric Propulsion
(SEP) transfer stage, which transports the cargo from an Earth Orbit to a Lunar Orbit.
An SEP stage can transfer significantly more payload compared to a chemical propelled
transfer stage while having the same initial mass [1]. Stage re-usability is an asset and
has to be evaluated. It would make the SEP-stage cost effective and justifies further
development [1]. The aim of this study is to realize a conceptual system design of such
a SEP transfer stage for Earth-Moon cargo transfer missions.

Other lessons learned from the literature study [1], in short, are:

• For every mission there is an optimum specific impulse from the mass point of
view.

• Ion and Hall thrusters have profound flight heritage and are reasonable candi-
dates for the mission.

• For High Power Hall thrusters a Direct Drive Unit (DDU) should be considered
as power conditioning system.

• Solar cells have a big impact on the design and therefore a trade-off between dif-
ferent solar cells is required to come to a good selection.

• The dimensions of the large solar array yield to complications regarding its rota-
tion and shadowing. Solutions for the solar array configuration will be evaluated.

The further research within the Master Thesis will result in a conceptual design of the
solar electric propulsion stage. This conceptual design shall serve as a reference for



D. Master Thesis Proposal 210

understanding the interaction of the subsystems and the system layout. It will support
the further development of the mission in such a way that enabling technologies and
requirements are identified. So within the Master Thesis a holistic approach is preferred
to tackle the main questions and get proper budgets. This work can then serve as a basis
for further optimization.

The study will be done on behalf of OHB System AG located in Bremen, Germany. In
this document first the mission and its initial requirements will be assessed in Section
D.2. With this information the problem can be further elaborated and the tasks iden-
tified in Section D.3. Finally the work can be divided into different packages and a
planning is made, see Section D.4 - Section D.6.

D.2. Mission Requirements

The mission is considered to be an international cooperation, since of the mission com-
plexity and high amount of cost. The mission requirements defined by the customer are
as follows:

• The transfer stage transports a payload from Earth environment to a Low Lunar
Orbit (LLO).

• The transfer stage uses electric propulsion powered by solar panels, nuclear power
is excluded.

• The system shall be launched with a heavy lift launch vehicle. It is preferred to
have one launcher and a maximum of two.

During the master thesis LEO is not considered, because the literature study [1] showed
that a pass through the Van Allen Belts result in a solar array degradation of around
8%. Passing the belts multiple times is therefore not considered to be an option. Above
6,000 km the influence of the inner Van Allen Belts becomes negligible, therefore an
initial MEO can be considered [17].

A GTO (200 x 35786 km) can also be considered. In this case the vehicle will pass
through the Van Allen Belts, but only for a short time interval such that in the end
the fluence is comparable or even less than a MEO orbit [17]. The final trade-off be-
tween MEO and GTO therefore depends mostly on the different delta-V budgets and is
performed in the thesis.

The freedom in the launcher selection leads to multiple possible configurations. In the
thesis the multiple options will be assessed considering the amount of payload that can
be transported. The stage and payload has to fit inside the launchers without violating
the mass and volume limit. The Ariane V launcher, the Space Launch System (SLS) and
Falcon Heavy are considered. The last two come available in the next ten years [1].
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D.3. Task description

Transferring cargo from Earth to the Moon on a regularly basis is with the current means
too expensive. A solution to this problem is to transport the cargo by using a reusable
SEP stage. This study shows how to design a SEP stage that delivers cargo from Earth
environment to LLO. Technological challenges concerning the design will be identified.
A heavy lift launch vehicle is used to lift the cargo and stage into the initial orbit.

The goal of the master thesis is to investigate transferring a payload from Earth to Moon
by using Solar Electric Propulsion. A technical feasibility study on a transfer stage
which delivers the payload from Earth environment to LLO will be performed. The
design of the transfer stage is limited to electric propulsion and uses solar panels for
the total power production. The overall aim is to develop engineering software for
designing major aspects of an SEP-stage.

The subgoals that are required to reach the goal are:

• Develop a simplified but robust orbital mechanics tool to assess the required ∆V
budgets.

• Select a suitable launcher configuration for the spacecraft.

• Estimate the total radiation dose, the effect on the spacecraft and mitigation mea-
sures.

• Select a stage architecture and determine its configuration.

• Design the propulsion system, including tank and propellant feed system.

• Design the electrical power system, including solar array and power processing
units.

• Design the other subsystems: thermal control system, attitude orbit control sys-
tem, communication system and command & data handling system.

• Determine the stage performance, different failure modes and mission flexibility.

The focus will be on the design of the propulsion system and electrical power system.
However, all other subsystems will be addressed ass well in order to achieve a holistic
system design. The level of detail of these subsystems will be lower, since they do not
drive the system architecture. The aim is the assessment of the system’s mass feasibility
and consistency, which is common for concept studies (phase 0).

The communications and command & data handling systems have no real emphasis,
because the system requirements will be customary and do not drive the architecture.
Therefore commercially off-the-shelf components will be selected to come to an initial
mass budget.

The ∆V budget can be calculated by a commercial tool, a semi-analytical method or by a
personal developed tool. A commercial orbital mechanics tool is expensive and licenses
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are allocated to experts only. A semi-analytical method provides limitations on evaluat-
ing multiple scenarios. Therefore, to secure full flexibility, a personal tool is developed.
The tool performs the orbit calculations by using a numerical approach based upon the-
ory from Reference [77] and [4]. In this approach the initial orbit parameters are used to
solve the equations of motion numerically in order to reach an end-orbit with a certain
desired radius. This tool, though reasonable and elusive, will be validated in the course
of the study by semi-analytical methods and commercial tools for mission analysis.

Lately, similar work has been performed on a SEP cargo stage, see reference [19], [20],
[31] and [21]. The first three are performed by NASA and investigate the feasibility of
a reusable cargo transfer stage to the Moon, Near-Earth Asteroid or Near-Earth Object,
respectively. The last paper shows the development of new technologies within the
European HiPER program, which serve the goal of making an SEP mission possible.

This study will implement the new technology developments and assess the perfor-
mance of the overall system. Also a comparison will be made to existing technologies.
This comparison will show if the development of the new technologies lead to improve-
ment of the overall performance and are therefore justified.

To solve the problem statement and reach the goals a Work Breakdown Structure (WBS)
is made, see Appendix D.4. For every block of the WBS there is a planning, which can
be found in the Gantt Chart of Appendix D.5. A description of the workpackages is
given in Appendix D.6 and a structure of the Master Thesis report is given in Appendix
D.7. The literature which is considered to be of importance for the study can be found
in the Bibliography.

The output of the work will be a computer tool to determine the delta-V budget for the
spiral strategy, engineering software to design an SEP-stage, a thesis report describing
the performed work including the obtained results, a summary paper and accompany-
ing slides.
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D.4. Work Breakdown Structure

Conceptual Design of a 
Solar Electric Cargo 

Transfer Stage

WP2: Mission 
Analysis

WP4: Performance 
Analysis

WP22: Mission 
Architecture

WP3: Stage 
Design

WP5: 
Documentation

WP31: Stage 
Architecture

Trade-off
WP21: Spiral 

strategy

WP33: Design of 
Propulsion 

System

WP34: Design of 
Electrical Power 

System

WP41: Stage 
Performance

WP42: Failure 
Modes

WP43: Mission 
Flexibility

WP23: 
Environmental 

Factors

WP35: Design of 
Thermal Control 

System

WP1: Mission 
Objectives & 

Requirements 
Discussion

WP11: Mission 
Objectives

WP12: Mission 
Requirements

WP13: System 
Requirements

WP14: Literature 
Study

WP36: Design 
Attitude Orbit 

Control System

WP32: 
Configuration, 
Structures & 
Mechanisms

WP37: Design of 
Comm. and C&DH
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D.5. Gantt Chart
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D.6. Workpackage Description

Conceptual Design of a Solar Electric Transfer Stage WP 11

Title Mission Objectives Page: 1 of 17

Responsible Remco Bos Version: 1.0

Date: 15.03.2012

Start T0

End T0 + 3 days Duration: 3 days

Processor Remco Bos

Goals:

• Define Mission Objectives

Input:

• In negotiation with OHB System

Connection with other work packages:

• WP12 Mission Requirements

• WP13 System Requirements

Tasks:

• Define & Report Mission Objectives

Results:

• Overview of Mission Objectives
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Conceptual Design of a Solar Electric Transfer Stage WP 12

Title Mission Requirements Page: 2 of 17

Responsible Remco Bos Version: 1.0

Date: 15.03.2012

Start T0 + 3 days

End T0 + 6 days Duration: 3 days

Processor Remco Bos

Goals:

• Define Mission Requirements

Input:

• Results of WP11

Connection with other work packages:

• WP11 Mission Objectives

• WP13 System Requirements

Tasks:

• Define & Report Mission Requirements

Results:

• Overview of Mission Requirements
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Conceptual Design of a Solar Electric Transfer Stage WP 13

Title System Requirements Page: 3 of 17

Responsible Remco Bos Version: 1.0

Date: 15.03.2012

Start T0 + 6 days

End T0 + 9 days Duration: 3 days

Processor Remco Bos

Goals:

• Define System Requirements

Input:

• Results of WP12 Mission Requirements

Connection with other work packages:

• WP12 Mission Requirements

Tasks:

• Define & Report System Requirements

Results:

• Overview of System Requirements
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Conceptual Design of a Solar Electric Transfer Stage WP 14

Title Literature Study Page: 4 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 9 days

End T0 + 25 days Duration: 16 days

Processor Remco Bos

Goals:

• Survey on Solar Electric Propulsion Stages and their technologies

Input:

• None

Connection with other work packages:

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Discuss prior SEP stage designs

• Identify suitable existing engines

• Identify suitable solar cells

• Identify enabling technologies

Results:

• Information of Solar Electric Propulsion Stages and their technologies
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Conceptual Design of a Solar Electric Transfer Stage WP 21

Title Spiral Strategy Page: 5 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 25 days

End T0 + 36 days Duration: 11 days

Processor Remco Bos

Goals:

• Assess initial orbit: MEO/GTO

• Assessment of different spiral strategies

• Assessment of different orbit planes

• Assessment of eclipse time

• Assessment of gravity losses due to spiraling

• Determine the delta-V budget of the SEP-stage

Input:

• Results from WP1

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP22 Mission Architecture

• WP3 Stage Design

Tasks:

• Development of a basic orbit transfer tool for spiral orbits

• Development of gravity loss assessment tool

• Determine total ∆V requirement

Results:

• Initial orbit

• Performance demands

• Eclipse time

• Mission transfer time

• Dependency of losses on thrust, ∆V and Isp
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Conceptual Design of a Solar Electric Transfer Stage WP 22

Title Mission Architecture Page: 6 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 36 days

End T0 + 43 days Duration: 7 days

Processor Remco Bos

Goals:

• Assess availability of super heavy lift launch vehicles

• Asess performance of SEP-stage when using different launchers, not vi-
olating mass & volume limit

• Assess re-usability

• Select a mission architecture concept

Input:

• WP1 Mission Objectives & Requirements Discussion

• WP21 Spiral Strategy

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP21 Spiral Strategy

• WP23 Environmental Factors

• WP3 Stage Design

• WP4 Performance Analysis

Tasks:

• Identify Mission Architecture concepts

• Select a Mission Architecture concept

Results:

• A Mission Architecture
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Conceptual Design of a Solar Electric Transfer Stage WP 23

Title Environmental Factors Page: 7 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 +43 days

End T0 + 50 days Duration: 11 days

Processor Remco Bos

Goals:

• Assessment of radiation due to space environment

Input:

• Results from WP1 & WP21

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP22 Mission Architecture

• WP3 Stage Design

Tasks:

• Determine the effect of the space environment on the spacecraft

• Estimate the total radiation dose by using Spenvis (ESA-tool)

Results:

• Impact of the space environment on the design
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Conceptual Design of a Solar Electric Transfer Stage WP 31

Title Stage Architecture Trade-off Page: 8 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Assess different stage architectures with trade-tree

• Perform a trade-off between different architectures

Input:

• Results from WP1 & WP2

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

Tasks:

• Investigate different architecture concepts

• Perform a trade-off on the different concepts

Results:

• Baseline system architecture, this includes at the minimum:

– Propulsion type

– Solar cell type

– Power processing type
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Conceptual Design of a Solar Electric Transfer Stage WP 32

Title Configuration, Structures & Mecha-
nisms

Page: 9 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Determine the configuration of the stage

• Assess, select & design structures and mechanisms for the stage

Input:

• Results from WP1, WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Identification of different configurations

• Design structures & mechanisms

Results:

• Configuration of the stage

• Structures & mechanisms design including mass & size estimation
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Conceptual Design of a Solar Electric Transfer Stage WP 33

Title Design of Propulsion System Page: 10 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Design the propulsion system

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Assess the propellant storage and tank

• Assess the need for gimballing the engines

• Investigate performance demands and select engine

• Assess and design propellant feed system

Results:

• Configuration of propellant feed system and tank

• Suitable electric propulsion engine

• Estimation on the total mass and size
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Conceptual Design of a Solar Electric Transfer Stage WP 34

Title Design of Electrical Power System Page: 11 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Design the electric power system

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Investigate power demands of the engine & other subsystems

• Investigate battery usage and power drop due to eclipse

• Investigate different solar cell options

• Perform trade-off and select solar cells

• Design solar arrays

• Investigate different power conditioning options

• Select & design a power conditioning system

Results:

• Configuration of solar arrays

• Design of electric power system by providing a block diagram

• Estimation on the total mass and size
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Conceptual Design of a Solar Electric Transfer Stage WP 35

Title Design of Thermal Control System Page: 12 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Design the thermal control system

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Investigate heat leakage of power system

• Investigate different thermal control options

• Determine total radiator area

• Design a basic thermal control system

Results:

• Configuration of radiators

• Design of a basic thermal control system

• Estimation on the total mass and size
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Conceptual Design of a Solar Electric Transfer Stage WP 36

Title Design Attitude Orbit Control System Page: 13 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Assess attitude orbit control for the stage

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Define required agility

• Investigate moment of inertia of the stage

• Assess different attitude orbit control systems

Results:

• Assessment of attitude orbit control system
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Conceptual Design of a Solar Electric Transfer Stage WP 37

Title Design Communications and Com-
mand & Data Handling System

Page: 14 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 50 days

End T0 + 105 days Duration: 55 days

Processor Remco Bos

Goals:

• Assess Communications for the stage

• Assess Command & Data Handling for the stage

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP1 Mission Objectives & Requirements Discussion

• WP2 Mission Analysis

• WP3 Stage Design

Tasks:

• Select commercially off-the-shelf products for Communications system

• Select commercially off-the-shelf products for Command & Data Han-
dling system

Results:

• Assessment Communications and Command & Data Handling system
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Conceptual Design of a Solar Electric Transfer Stage WP 41

Title Stage Performance Page: 15 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 105 days

End T0 + 110 days Duration: 5 days

Processor Remco Bos

Goals:

• Assess stage performance for current and future technology

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• WP3 Stage Design

Tasks:

• Investigate stage performance with respect to requirements

Results:

• Assessment of stage performance for current and future technology
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Conceptual Design of a Solar Electric Transfer Stage WP 42

Title Failure Modes Page: 16 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 110 days

End T0 + 115 days Duration: 5 days

Processor Remco Bos

Goals:

• Assess failure modes of the stage

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• None

Tasks:

• Investigate different failure modes

Results:

• Assessment of different failure modes and their consequences on perfor-
mance
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Conceptual Design of a Solar Electric Transfer Stage WP 43

Title Mission Flexibility Page: 17 of 17

Responsible Remco Bos Version: 1.0

Date: 02.04.2012

Start T0 + 115 days

End T0 + 120 days Duration: 5 days

Processor Remco Bos

Goals:

• Assess mission flexibility of the stage

Input:

• Results from WP1 & WP2 & WP3

Connection with other work packages:

• None

Tasks:

• Assess performance in case of different mission scenarios

Results:

• Assessment of mission flexibility
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D.7. Report Structure Master Thesis

1. Introduction

2. Former SEP-stage concepts

3. Mission Objectives & Requirements

3.1 Mission Objectives
3.2 Mission & System Requirements

4. Mission Analysis

4.1 Spiral Strategy
4.2 Mission Architecture
4.3 Environmental Factors

5. Stage Architecture Trade-off

6. Stage Design

6.1 Configuration
6.2 Structures & Mechanisms
6.3 Propulsion
6.4 Electrical Power System
6.5 Thermal Control System
6.6 Attitude Orbit Control System

7. Performance Analysis

7.1 Stage Performance
7.2 Failure Modes
7.3 Mission Flexibility

8. Conclusion & Recommendations

Appendix A. Master Thesis Proposal
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