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SUMMARY

In order to face the challenges faced by the European aviation industry, the Cleansky initiative was launched
in 2008 and one of the initiatives within the programme is an increased collaboration between aircraft man-
ufacturers, research institutes and universities. One technology that is investigated within this framework is
the effect of relaxed static stability on the preliminary design of business jet aircraft. RSS aircraft have a neu-
tral point located closer to or even in front of the aircraft’s centre of gravity. As a consequence, the required
trim force is reduced and thus the tail size may be reduced as well. Due to the infamous snowball-effect, it
is anticipated that RSS can lead to significant weight loss and fuel savings. On the downside however, it is
expected that RSS requires complex stability augmentation systems and reduces the elevator effectiveness.
In this research it is quantified how RSS affects the mass of key aircraft components, as well as how RSS influ-
ences the handling qualities, by investigating its effect on the inertia tensor and stability & control derivatives.

For this research a preliminary design tool called the Initiator has been used. This tool is developed at the
FPP-department at Delft University of Technology and was initially set-up for large conventional commercial
aircraft. As part of this research, the capabilities of the Initiator were extended such that the tool can also
be used to analyse the preliminary design of business jet aircraft. First, the class 2 weight estimation was
overhauled by implementing the methods of Torenbeek and General Dynamics. Furthermore, an iteration
loop was implemented, such that the Initiator now produces a converged weight estimate for the given air-
craft configuration. Moreover, a correction factor to account for the use of composites in modern aircraft was
implemented. The weight estimates obtained with the new methods and those obtained with the already
implemented Raymer’s method were then compared to weight data. As such, it was shown that within the
Initiator, Torenbeek’s method provides the most accurate weight estimate for business and commercial air-
craft with a mean error of 1% and a maximum error of 11%.

Secondly the method for estimating the stability and control derivatives was updated based on the approach
described by J. Roskam and it was shown that this module does a reasonable well job at predicting the lon-
gitudinal stability derivatives as well as the control derivatives. For example, a mean error of 3% in CLα was
obtained for business jet aircraft over a range of three conditions. The directional and lateral control deriva-
tives however, were estimated with larger errors. The main reason this error is believed to be caused by the
fact that the module was validated by separating it from the Initiator. As a consequence no accurate estimate
for the centre of gravity’s x and y-position is available, which highly affects those derivatives.

Furthermore, the inertia estimation was updated such that it would also account for the contributions of the
payload and fuel. The updated module was validated for the Fokker 100 and it was observed that although
the module estimates the inertia tensor for the fully loaded aircraft reasonably well with a mean error of 3%
and a maximum error of 13%, it has the tendency to underestimate the tensor of the empty aircraft by a con-
siderably larger margin. This error is compensated for the fully loaded aircraft due to an over-estimation of
the cargo’s contribution to the inertia tensor. Based on the validation of the aforementioned modules it was
concluded that these could be used to estimate the extend of the effects of relaxed static stability on the pre-
liminary aircraft design and its handling qualities.

To assess the effect of RSS on business jet aircraft, a baseline aircraft based on the requirements of the Cessna
Citation II was created. By shifting the wing forward, thus decreasing the static margin, it was observed
that a decrease of 5% of MTOM could be achieved. Furthermore it was observed that although the MTOM
decreased, the weight of the fuselage actually increased by 7%. This is a consequence of shifting the wing
forward, and thus increasing the tail arm, which results in a heavier fuselage. Furthermore as anticipated, it
was observed that the increased tail arm resulted in a smaller horizontal (14%) and vertical tail (16%). The
most noticeable effect on the stability derivatives, was the change in Cmα from -0.518 for the reference aircraft
to -0.036 and a steady decrease in the pitch rate derivatives. Finally, it was rather surprisingly observed that
although the elevator’s size decreases, the elevator control power is almost unaffected by RSS. This is caused
by the fact that in the chosen approach to obtain RSS, the horizontal tail volume remains constant.
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NOMENCLATURE

Roman Symbols

A Aspect ratio [-]
b Span [m]
c Chord [m]
c̄ Mean chord [m]
e Oswald factor [-]
g Gravitational acceleration [m/s2]
h Height [m]
k Correction factor [-]
L Fuselage length [m]
l Length [m]
lh Horizontal tail arm [m]
lv Vertical tail arm [m]
L Lift [N]
M Mach number [-]
MH Maximum Mach number at sea-level [-]
nul t Ultimate load factor [-]
Ncr Number of crew (cockpit and cabin) [-]
Ne Number of engines [-]
Nt Number of tanks [-]
P2 Inlet dynamic pressure [N/m2]
q Dynamic pressure [N/m2]
q̄D Average dynamic dive pressure [N/m2]
R Range [km]
R̄i Radius of gyration [-]
S Main Wing Area [m2]
S f g s Fuselage gross shell area [m2]
ST O Take-off distance [m]
t/c Thickness-to-chord ratio [-]
T Thrust [N]
U1 Free Stream Velocity [m/s]
V Airspeed [m/s]
VD Dive speed [m/s]
Vpax Volume of the cabin used for passengers [m2]
w Width [m]
W Weight [N]
X Wing quarter chord position on fuselage [m]
x̄ x-coordinate normalized w.r.t. MAC [-]
zh z-distance from c.g. to horizontal tail [m]

Greek Symbols

α Angle of attack [deg]
α0 Zero-lift angle of attack [deg]
β Sideslip angle [deg]
β Prandtl Glauert compressibility correction factor [-]
ε Downwash angle [deg]
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viii

η Non-dimensional spanwise coordinate (y) [-]
ηc Ratio of canard to main wing dynamic pressure [-]
ηh Ratio of horizontal tail to main wing dynamic pressure [-]
∆ f Flap deflection angle [deg]
θ Pitch angle [deg]
λ Taper ratio [-]
Λ Sweep angle [deg]
Λc/4 Quarter-chord sweep angle [deg]
Λc/2 Mid-chord sweep angle [deg]
ξ Damping ratio [-]
ρ Air density [kg/m3]
ωn Frequency [Hz]

Subscripts

ac Aerodynamic centre
ai Air induction system
api Air-conditioning, pressurization, anti- & de-icing system
apu Auxiliary Power Unit
A−h Tailless aircraft contribution
c Canard
cg Centre of gravity
crew Crew (cockpit and cabin)
e Engines
ec Engine controls
ess Engine starting system
E Empty
f Fuselage
fc Flight controls system
F Fuel
feq Fixed equipment
fur Furnishing
h Horizontal tail
hps Hydraulic and pneumatic system
iae Instrumentation, avionics & electronics
MZF Zero Fuel Mass
np Neutral point
ops Operational items
ox Oxygen system
p Propulsion system
prop Propeller
pt Paint
pwr Powerplant
PL Payload
struct Structure
tfo Trapped fuel & oil
TO Take-off
v Vertical tail
w Wing
wf Wing fuselage combination
∞ At infinity
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Stability & Control Deriva-
tives

CL1 Steady state lift coefficient [-]
CD1 Steady state drag coefficient [-]
CLα Lift-due-to-angle-of-attack derivative [r ad−1]
CDα Drag-due-to-angle-of-attack derivative [r ad−1]
Cmα Pitching-moment-due-to-angle-of-attack derivative [r ad−1]
Cyβ Sideforce-due-to-sideslip derivative [r ad−1]
Clβ Rolling-moment-due-to-sideslip derivative [r ad−1]
Cnβ Yawing-moment-due-to-sideslip derivative [r ad−1]
Cyp Sideforce-due-to-roll-rate derivative [r ad−1]
Clp Rolling-moment-due-to-roll-rate derivative [r ad−1]
Cnp Yawing-moment-due-to-roll-rate derivative [r ad−1]
CDq Drag-due-to-pitch-rate derivative [r ad−1]
CLq Lift-due-to-pitch-rate derivative [r ad−1]
Cmq Pitching-moment-due-to-pitch-rate derivative [r ad−1]
Cyr Sideforce-due-to-yaw-rate derivative [r ad−1]
Clr Rolling-moment-due-to-yaw-rate derivative [r ad−1]
Cnr Yawing-moment-due-to-yaw-rate derivative [r ad−1]
CLe Lift-due-to-elevator-deflection derivative [r ad−1]
CDe Drag-due-to-elevator-deflection derivative [r ad−1]
Cme Pitching-moment-due-to-elevator-deflection derivative [r ad−1]
Cya Sideforce-due-to-aileron-deflection derivative [r ad−1]
Cla Rolling-moment-due-to-aileron-deflection derivative [r ad−1]
Cna Yawing-moment-due-to-aileron-deflection derivative [r ad−1]
Cyr Sideforce-due-to-rudder-deflection derivative [r ad−1]
Clr Rolling-moment-due-to-rudder-deflection derivative [r ad−1]
Cnr Yawing-moment-due-to-rudder-deflection derivative [r ad−1]
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1
INTRODUCTION

In order to face the challenges faced by the European aviation industry, the Cleansky initiative was launched
in 2008 and one of the initiatives within the programme is an increased collaboration between aircraft man-
ufacturers, research institutes and universities. One technology that is investigated within this framework is
the effect of relaxed static stability on the preliminary design of business jet aircraft. RSS aircraft have a neu-
tral point located closer to or even in front of the aircraft’s centre of gravity. As a consequence, the required
trim force is reduced and thus the tail size may be reduced as well. Due to the infamous snowball-effect,
it is anticipated that RSS can lead to significant weight loss and fuel savings. On the downside however, it
is expected that RSS may require stability augmentation systems and reduce the elevator effectiveness. In
this research it is quantified how RSS affects the mass of key aircraft components, as well as how RSS influ-
ences the handling qualities, by investigating its effect on the inertia tensor and stability & control derivatives.

One technology that will be investigated within this framework is the effect of relaxed static stability on the
preliminary design of business jet aircraft. Aircraft with relaxed static stability have a neutral point that is
located closer to or even just in front of the aircraft’s centre of gravity. The concept was first explored for
supersonic fighter aircraft as this provides them with larger agility in subsonic conditions. Furthermore in
supersonic flight the neutral point shifts further aft, by using RSS however the balancing trim force can re-
main within bounds [1]. The same principle can also be advantageous for commercial and business aircraft.
By employing relaxed static stability, the required trim force is reduced and thus the tail size of these aircraft
can be reduced as well. Due to the infamous snowball-effect, RSS can lead to significant weight loss and fuel
savings. By employing RSS however, it is anticipated that the elevator effectiveness reduces, posing a limit on
the potential gains [2].

By means of a preliminary design study, it is investigated in this report how much can be gained in the design
of business jet aircraft by using RSS. Furthermore, it is investigated to what extent these gains are limited by
factors such as elevator effectiveness and handling qualities. Therefore, this report has been set-up in the
following structure:

In chapter 2, a short introduction to various topics relevant to this research and their state-of-the-art are
discussed. Topics that will be treated are tail surfaces, longitudinal stability & control, weight estimation,
preliminary tail sizing and the assessment of handling qualities. Next, the approach used to assess the effect
of relaxed static stability on the preliminary tail design is explained in chapter 3. During this research, mainly
the effects on aircraft mass, mass moment of inertia and stability & control derivatives were investigated and
each topic is discussed in a separate section. This methodology, was implemented in a preliminary design
tool called the Initiator and the work flow of the updated modules is discussed in chapter 4. Now, before the
Initiator could be used to assess the effect of relaxed static stability, the updates made to the various modules
needed to be validated, which is described in chapter 5. The Initiator was then used to assess the effect of
relaxed static stability on the preliminary design of business jet aircraft. The main findings with respect to
aircraft mass, inertia tensors and the most relevant stability and control derivatives are described chapter 6.
Finally, the main conclusions and recommendations to be taken away from this research, are summarized in
chapter 7.

1





2
BACKGROUND

In this chapter, the theoretical background relevant this research is explained and the state-of-the-art of var-
ious topics is discussed. As such, this chapter could be considered as an extended introduction. First, in
section 2.1 the main functions of tail surfaces and the requirements imposed upon those are introduced.
Next, the basic principles of longitudinal stability and control are discussed in section 2.2, after which the
concept of relaxed static stability is introduced in section 2.3. In this section also the main advantages and
disadvantages of RSS are discussed. Next, since the centre of gravity’s longitudinal position highly influences
the longitudinal stability and control, the basics of weight and centre of gravity estimation are explained in
section 2.4. The background with respect to stability and control and centre of gravity estimation is then used
in section 2.5 to introduce a widely accepted tail sizing methodology. Furthermore, within this research also
the effects of RSS on the aircraft’s handling qualities are investigated and a short introduction to this topic is
given in section 2.6. Finally, the aforementioned sections serve as a build-up to the main research question
and objectives of this research, which are described in section 2.8.

2.1. TAIL SURFACES
Before describing how aircraft tails are designed to meet the stability and control requirements, it is important
to take a step back first and to shortly discuss the main functions performed by and the requirements imposed
on the tail surfaces. Now, as described by Obert in reference [3], tail surfaces typically perform three main
functions in the aircraft design, which are:

1. Provide static and dynamic stability
2. Enable aircraft control
3. Provide a state of equilibrium in each flight condition

Note that there is no requirement for an aircraft to have a tail, the aforementioned functions however should
be accounted for somewhere in the aircraft’s design. Also, it is allowed to design an inherintly unstable air-
craft, in that case however a stability augmentation system should be included to provide artificial stability
[4]. When a tail is used however, it should adhere to the following design requirements [3]:

1. Tail surfaces shall provide a sufficiently large contribution to the static and dynamic stability in longi-
tudinal, directional and sometimes lateral directions.

2. Tail surfaces shall provide sufficient control capability
3. Control shall be possible with acceptable control forces
4. Tail surfaces shall be able to cope with high tailplane angles of attack/sideslip
5. Tail surfaces shall be able to generate sufficiently large control forces to balance the total tail-off forces

and moments so that static equilibrium is achieved in all flight conditions
6. The Mach number at which serious flow separation occurs at the tail surfaces shall lie above the design

dive Mach number (MD )

These requirements often conflict in terms of the preferred geometrical tail surface design. For instance,
in order to meet the first requirement a large lift gradient is desirable. Therefore, a tail surface with large

3
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aspect ratio and minimum sweep would be beneficial. The exact opposite however, would for instance be
beneficial to meet the fourth requirement. In that case a stable vortex is formed at the leading edge of the tail
surface creating so-called vortex lift, increasing the stabilizing force. Furthermore, this vortex would allow
for flow to remain attached up to higher angles of attack (α) and sideslip (β) [5]Because of these conflicting
requirements, the stabilizer often has a sweep angle around 5 degrees larger than the wing’s and a chord
section 1% to 2% thinner than the wing’s tip chord. Aspect ratios typically range around 5, as higher aspect
ratios would inflict a too large structural weight penalty. Smaller taper ratios then again are beneficial for the
structural weight, excessive taper however may result in premature tip stall. Therefore taper ratios typically
range between 0.3 to 0.5 for horizontal tails [3].

2.2. LONGITUDINAL STABILITY AND CONTROL
In the previous section it was explained that the horizontal tail surface should provide the aircraft with suffi-
cient longitudinal stability and control. In section 2.2.1 the governing principles behind longitudinal stability
are discussed, followed by a similar discussion for longitudinal control in section 2.2.2. These principles will
later be used in section 2.5, when presenting a common horizontal tail sizing methodology.

2.2.1. LONGITUDINAL STABILITY

Figure 2.1: Moment equilibrium around the centre of gravity[6]

Duncan defines stability as: "the inherent quality of an aircraft to correct for conditions that may disturb its
equilibrium and to return to or to continue on the original flight path" [7]. Note that in this research we mainly
want to consider the aircraft’s static longitudinal stability. The main requirement to be fulfilled in this case,
is that any change in angle of attack (α) must result in a pitching moment returning the aircraft back to its
original state. In Figure 2.1 the various forces contributing to this pitching moment are shown. Observe that
in this model only the contributions of the wing and horizontal tailplane are taken into account, as these
are considerably larger than for instance those of the fuselage. Also observe that, the change in lift caused
by a perturbation (∆α) is indicated as well. Moreover, it is also shown that the resultant perturbing force
acts through a single point, which is called the neutral point and by definition the moment change caused
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by a perturbation around this point is zero. From this figure, equation 2.1 may be derived, describing the
longitudinal position of the neutral point [6].

x̄np = x̄ac +
CLαh

CLαA−h

(
1− dε

dα

)
Sh lh

Sc̄

(
Vh

V

)2

(2.1)

From Figure 2.1 it can also be deduced that to achieve longitudinal static stability, the aircraft’s centre of
gravity has to lie in front of the neutral point. In other words, the neutral point is the c.g.’s most aft-location
before the aircraft becomes unstable [8]. Furthermore, the distance between the c.g. and the n.p. normalized
with the MAC is called the static margin (S.M.). Hence, the maximum allowable aft position of the aircraft’s
centre of gravity (equation 2.2) can be determined by inserting the definition of the S.M. in equation 2.1 [6].

x̄cg = x̄ac +
CLαh

CLαA−h

(
1− dε

dα

)
Sh lh

Sc̄

(
Vh

V

)2

−S.M . (2.2)

S.M . = x̄cg − x̄np (2.3)

2.2.2. LONGITUDINAL CONTROL

Figure 2.2: Example of an X-plot[9]

In essence, longitudinal control is a matter of controlling the aircraft’s pitching moment around its centre of
gravity. First, it should be possible to trim the aircraft or in other words to balance the moments around the
c.g. such that the total pitching moment equals zero. Secondly, it must be possible to change this pitching
moment such that manoeuvres such as take-off rotation, 2.5g pull -up and the landing flare can be executed.
Now, when imposing the trim requirement, it can be shown that the most forward c.g. position allowing
longitudinal control can be expressed as in equation 2.4 [6]. Again, note that to derive this equation, only the
contributions of the wing and tail have been taken into account.

x̄cg = x̄ac −
Cmac

CL
A−h

+ CLh

CL
A−h

Sh lh

Sc̄

(
Vh

V

)2

(2.4)
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An important consequence of trimming the aircraft is the so-called trim drag, which can be expressed as
shown in equation 2.5.

D tr i m = q

(
V h

V

)2

Sh

C 2
Lh

πAhe
(2.5)

Finally, by combining equations 2.2 & 2.4 it is possible to create a so-called x-plot, which shows the design
space available for the horizontal tail design. An example of such a plot is shown in Figure 2.2.

2.3. RELAXED STATIC STABILITY
In section 2.2 the concept of static margin was introduced, which for most conventional transport aircraft
ranges between 5 to 10 % for the most aft c.g. position. Now, an aircraft is said to have relaxed static stability
if the S.M. is less or even negative [8]. This concept was first explored for supersonic fighter aircraft as this
provides them with larger agility in subsonic conditions. Furthermore in supersonic conditions, where the
neutral point shifts further aft, the balancing trim force then remains within bounds [1]. The same principle
can also be advantageous for commercial and business jet aircraft. By employing RSS, the required trim force
is reduced and thus the tail size of these aircraft can be reduced as well. Due to the infamous snowball-effect,
RSS can lead to significant weight loss, drag reductions and fuel savings.

Furthermore, from equation 2.5 it becomes apparent that reducing the horizontal tail-plane’s lift coefficient
(CLh ) and size are the most effective measures to reduce the aircraft’s trim drag. Now, as explained in the
previous paragraph, RSS aims at reducing the required tail lift by reducing the static margin. RSS thus not
only results in a smaller and lighter tail, but it also reduces the associated trim drag. Note that for a smaller
horizontal tail to achieve a similar change in tail lift coefficient, for instance to rotate the aircraft during the
take-off roll, it is anticipated that larger control surface deflections are required. For instance, in reference [2]
it was shown by using RSS in an MDO-framework for a medium range conventional aircraft that the required
elevator deflection for take-off increased from 6.9 to 11.14 degrees. The required elevator deflection for other
manoeuvres saw a similar, but smaller increase. Either way, this clearly demonstrates that the minimum hor-
izontal tail size is limited by the elevator control power, because at a certain deflection, the control surfaces
will stall and at this point the aircraft can no longer be controlled.

Figure 2.3: Comparison between the DC-10-30 (left) and the MD-11 (right)
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A practical example of a commercial passenger aircraft designed with RSS is the McDonnell Douglas MD-11.
This aircraft was designed in the late 1980’s as the successor of the Douglas DC-10. Just like its predecessor,
the MD-11 was a trijet, but it had redesigned wings (including winglets), a substantially longer fuselage and
a smaller horizontal tailplane. Furthermore, the aircraft was also equipped with a longitudinal stability aug-
mentation system, which included a ballast fuel tank in the vertical tail [10]. Figure 2.31 shows a comparison
between the two aircraft designs, clearly demonstrating the aforementioned differences. Also, some interest-
ing data of both aircraft is summarized in Table 2.1 [11]. From these figures it can be deduced that while the
MD-11 has a capacity and range that are approximately 15 % larger than it’s predecessor, its MTOM and max-
imum fuel weight are only around 5% larger. It should be noted that the extent to which RSS contributes to
the performance increase remains unclear, since other factors such as aerodynamic and structural improve-
ments also have a beneficial effect on the MD-11’s performance.

Table 2.1: Comparison between the DC-10-30 and the MD-11

Parameter DC-10-30 MD-11 Units

Typical Seating Capacity (2-class) 285 323 [-]
MTOW 259.5 ·103 273.3 ·103 [kg]
MLW 182.7 ·103 200 ·103 [kg]
Wing Area, S 367.7 338.9 [m2]
Wing Span, b 50.4 51.66 [m]
Tail Area, Sh 124.3 85.5 [m2]
Fuselage Length 51.97 58. 65 [m]
Maximum Fuel Weight 111.5 ·103 117.5 ·103 [kg]
Harmonic Range 10622 12450 [km]
Take-off run on MTOW 2847 3100 [m]
Landing speed on MLW 76.6 78.7 [m/s]

Incorporating RSS in the aircraft design also comes at a cost, for instance a complex stability augmentation
system had to be included in the design [12]. Even with this system, the MD-11 did face issues caused by
the reduction in stability. For instance, with an approach speed of 78.7 m/s the MD-11’s landing speed is
substantially larger than the 70 m/s of the Boeing 777-200, which is comparable in size and weight [13]. The
higher approach speed reduces the reaction time pilots have to correct the aircraft during approach and land-
ing. Moreover due to the geometric design of the MD-11, with a relative aft centre of gravity and main gear
position, pilots experienced difficulties recognizing and properly correcting bouncy landings. Failure to do
so in combination with the reduced elevator effectiveness, has lead to at least three accidents. These crashes
caused aviation authorities to recommend special landing trainings and upgrades to the stability augmenta-
tion system [14] [15] [16].

2.4. WEIGHT & CENTRE OF GRAVITY ESTIMATION
From equations 2.2 and 2.4, it should become apparent that to determine the stability and control charac-
teristics of the aircraft, it is important to know the aircraft’s centre of gravity position. In reality, the c.g. is
not a fixed point, but it will shift during flight due to fuel being burned. Furthermore the initial c.g.-position
is different each flight due to differences in aircraft loading. Therefore it is neccessary to estimate the centre
of gravity’s range that may be anticipated during operations. To estimate this range, the weights and c.g.’s
of all the aircraft components have to be estimated first. To this purpose, references [17] and [18] can be
used, which describe various Class I and Class II weight estimation methods. With the estimated component
weights and their associated position, the aircraft’s c.g. for the OEM-condition can be determined. Note that
the OEM is defined as the weight of the aircraft without fuel and payload.

Next, the maximum centre of gravity range for a variety of loading conditions can be estimated, for which it
is recommended to set-up so-called loading or potato diagrams (see [6]). These diagrams show the shift in
centre of gravity for the given aircraft configuration when loading the aircraft with payload and fuel. Now,
to estimate the effect of the wing’s longitudinal position, it is suggested to generate three loading diagrams

1CC-BY J. Scavini
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corresponding to three different wing positions (forward, mid and aft) [6]. The results can then be collected
in a single diagram as shown in Figure 2.4. In this particular example, the initial wing position was at 35%
(XLE M AC /X f us ) while the most forward and most aft position were 25% and 45% respectively.

Figure 2.4: Example of effect of the longitudinal wing position on the c.g. range [9]

2.5. HORIZONTAL TAIL SIZING
A first estimate for the horizontal tail area is often obtained with the method described by Roskam in refer-
ence [19]. This approach uses the so-called tail volume coefficient, which is defined by equation 2.6 for the
horizontal tail. For aircraft of a similar type it may be assumed that they have a similar tail volume coefficient.
Furthermore, in reference [19] the tail volume coefficients for eight types of aircraft can be found. The hori-
zontal tail area is then determined by choosing a tail volume coefficient of a similar aircraft and substituting
the remaining parameters, which should already be known at the moment where the tail has to be sized, in
equation 2.6. A similar approach can also be used to size the vertical tail, in this case the vertical tail volume
is given by equation 2.7.

V̄h = lhSh/Sc̄ (2.6)

V̄v = lv Sv /Sb (2.7)

Generally speaking, the estimate for the horizontal tail area is further refined by combining the results of the
sections 2.2 and 2.4. As such, it can be verified whether the estimated tail area is sufficient to meet the sta-
bility and control requirements for the given aircraft configuration and centre of gravity range. In practical
terms, this is done by overlaying x-plot with the centre of gravity range diagram as shown in Figure 2.5. When
overlaying these figures, care should be taken that the axes are properly aligned. This means that the figures
should be shifted vertically such that the line connecting the intersection points of minimum c.g position line
with the controllability limit and the maximum c.g. position line with the stability limit, is perfectly horizon-
tal. Next, the optimal longitudinal wing position ( XLE M AC

l f us
) can be read of the red vertical axis. It can be seen

in Figure 2.5, that in the case of this example an optimal position of 0.395 is obtained. In other words, the
leading edge of the mean aerodynamic chord may be found at 39.5% of the total fuselage length. Moreover,
from the black vertical axis in Figure 2.5 it may also be deduced that the optimal tail ratio is 0.21 or in other
words, the horizontal tail area is 21% of the main wing’s area.
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Figure 2.5: Example of the c.g. range graph overlayed with x-plot [9]

2.6. HANDLING QUALITIES
One of the aspects anticipated to be affected by incorporating relaxed static stability in the design of business
jet aircraft, is a change in the handling qualities of the aircraft. Now, to assess these handling qualities in
essence two properties need to be known, being the aircraft’s mass moment of inertia matrix and its stability
& control derivatives. A short introduction to these topics is given in sections 2.6.1 and 2.6.2 respectively.

2.6.1. INERTIA ESTIMATION
The mass moment of inertia, in essence dictates the resistance an object offers with respect to angular ac-
celeration in the same way that mass does for acceleration. Generally speaking, the procedure to estimate
a body’s mass moment of inertia around a random axis, is to estimate the two contributions as shown in
equation 2.8. The first term indicates the body’s mass moment of inertia around an axis symmetrical to the
random axis and through its own centre of gravity. The second contribution is the so-called Steiner-term and
consists of the object’s mass times the distance to the random axis squared.

I = I0 +mr 2 (2.8)

From this equation, it should also become apparent that the mass moment of inertia is different depending
on the axis around which it is determined. Now, the general procedure is to calculate the mass moment of
inertia around the body axis system and store the results in a 3x3 inertia tensor matrix as shown by equation
2.9. In this matrix, the symmetrical inertia components are put on the diagonal axis (from top left to bottom
right).

I =
 Ixx Ix y Ixz

Iy x Iy y Iy z

Izx Iz y Izz

 (2.9)
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A simple method to estimate an aircraft’s the inertia tensor is shown in reference [18]. In this approach,
the non-dimensional radii of gyration are estimated first based on statistical data. The radii of gyration for
business jet aircraft can be estimated with equations 2.10 to 2.11. These estimates have been obtained by
averaging the raddii of gyration for the various business jet aircraft as shown in Appendix B of reference [18].

R̄x ≈ 0.3 (2.10)

R̄y ≈ 0.35 (2.11)

R̄z ≈ 0.45 (2.12)

Next, the inertia tensor can be estimated with the matrix as shown in equation 2.13. As can be observed in
this equation, the inertia contributions in this approach are a function of wing span (b), aircraft length (L),
the radii of gyration (R̄i ) and the gravitational acceleration (g ). Furthermore, note that in this approach it
is assumed that the asymmetrical inertia contributions are equal to zero. This is assumption is often made
and is generally true for conventional aircraft as these are almost perfectly symmetrical around their body’s
x-axis. Finally, note that with this approach only a rough estimate for the inertia tensor is obtained and that
the method used in this research to further refine this inertia tensor estimate is explained in chapter 3.

I =


b2W (R̄x )2

4g 0 0

0
L2W (R̄y )2

4g 0

0 0

(
b+L

2

)2
W (R̄z )2

4g

 (2.13)

2.6.2. STABILITY AND CONTROL DERIVATIVE ESTIMATION

As mentioned before, the stability & control derivatives are together with the inertia tensor required to esti-
mate the dynamic behaviour of aircraft [20]. Now, the total of aerodynamic forces and moment acting on an
aircraft can be modelled with these derivatives as shown by the equations 2.14 and 2.15. Note that in equa-
tion 2.14 the longitudinal forces and moments are shown, whereas in equation 2.15 the lateral forces and
moments are shown. Furthermore, observe that in these equations the derivative is indicated by the sub-
script, e.g. CLα is the derivative of the lift force with angle of attack. Furthermore, the 1-subscript denotes the
steady state coefficients, in other words the conditions at which these derivatives have been determined. It
should also be mentioned that all derivatives in these equations are taken with respect to the stability refer-
ence frame, which can be converted into the body reference frame by a single rotation over the aircraft’s angle
of attack (α).


Fax
q̄S

Faz
q̄S
ma
q̄S

=
 −(

CDu +2CD1

) −(
CDα +2CL1

) −CDq −CDδe

−(
CLu +2CL1

) −(
CLα +2CD1

) −CLq −CLδe
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 (2.15)

As previously mentionned, these derivatives may be used to verify the longitudinal and lateral dynamic sta-
bility of an aircraft. With respect to the longitudinal stability, there are two so-called eigenmotions of impor-
tance to be considered, being the short period and the phugoid. To assess whether these two eigenmotions
are stable, the eigen frequency and damping ratio should be estimated. The approach suggested in reference
[21] may be used to determine these properties. Note that this model only estimates the natural frequency
and damping ratio for the fixed-controls case. Furthermore, it is assumed that an irreversible control system
can maintain the elevator in position when the pilot doesn’t hold the stick.
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ωnP = 1.411g

U1
(2.16)

ξp = g

2CL1U1ωnP

(
CDu +2CD1 −CTxu

−2CTx1

)
(2.17)

ωnSP =
√

ZαMq

U1
−Mα (2.18)

ξSP =−Mq + (Zα/U1)+Mα̇

2ωnSP

(2.19)

Finally the eigen frequency and damping ratio should be compared to the requirements. Now, the phugoid’s
eigen frequency is primarely affected by the flight speed and there is no requirement for it. The requirements
for the short period’s eigen frequency and damping ratio depend on the aircraft type (Class I to IV) and flight
conditions (A to C) and can be found in Appendix B of reference [21].

2.7. THE INITIATOR
The previous sections focused on the theoretical background concerning relaxed static stability and the fac-
tors anticipated to be affected by incorporating this concept in the preliminary design process of business
jet aircraft. In this section, the Initiator tool is introduced, which will be used to predict how the preliminary
design of business jet aircraft is affected by RSS. The Initiator is a conceptual/preliminary design tool, devel-
oped by TU Delft’s Flight Performance and Propulsion Department (FPP), which synthesises the preliminary
design of subsonic transport aircraft from a set of top-level requirements [22], [23]. The tool was originally set-
up in 2011 for conventional and box-wing/Prandtl aircraft [24] and its capabilities were gradually extended,
allowing for instance to design three-surface [25], [11] and blended-wing-body configurations [26], [27].

The Initiator is written in MATLAB and is set-up in a class-based programming style. XML is used for all its in-
and output files, while for reading and writing XML-files the open-source TIXI library [28] is used. At the core
of the program is the controller, which is connection between the aircraft object and the various modules.
Its main purpose is to handle the program flow, i.e. to keep track of which modules have been completed as
well as the dependencies between modules. The aircraft object is defined by using high level primitives called
parts. All parts generate a geometry which is used to drive the analysis modules and visualisation of the air-
craft. Currently, the Initiator can be started from two different starting points. First, it is possible to start an
Initiator-run by defining a set of top-level requirements and the desired aircraft configuration. In this case
the Initiator works as preliminary sizing and analysis tool and in the following paragraphs it will be described
how the Initiator works in that case. Secondly one can also use the geometry of an existing aircraft as input.
In that case the sizing modules are skipped and the existing geometry can be analysed immediately.

Figure 2.6 shows the N2 chart of the design process used by the Initiator when starting it from a set of top-level
requirements. These requirements are used together with the Initiator’s internal database to estimate the air-
craft’s MTOM with the Class1WeightEstimation-module. The Initiator database contains reference data for
a large set of conventional commercial, turboprop and business jet aircraft as well as data of common en-
gines and APU’s. The majority of this data has been obtained from references as [29] and [30]. Next, based
on the requirements and the predicted MTOM, a wing-thrust-loading diagram is constructed after which the
most optimal design point is selected by the Initiator. The design point together with the MTOM-estimate is
used by GeometryEstimation-module to size the aircraft model accordingly. The geometry is then together
with the estimates for MTOM and fuel fraction, used by the Class2WeightEstimation-module to obtain a new
estimate for the aircraft’s EOM. This EOM is fed back each iteration to the Class1WeightEstimation-module,
together with the output of the drag modules and the engine model, which provide the Initiator with up-
dated estimates for the drag polar and the specific fuel consumption. This is the so-called Class 2 Loop and
is indicated by the orange line in Figure 2.6. The Class 2 loop is repeated until the MTOM estimated by the
Class1WeightEstimation- and Class2WeightEstimation-module converge to a predefined error margin.

Once the Class 2 loop is completed, the MissionAnalyis-module is run, which simulates an entire aircraft mis-
sion from take-off to landing, including a diversion. This module takes the range requirement, the drag polar
and the specific fuel consumption as inputs and calculates a new MTOM based on the updated fuel fraction.
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Figure 2.6: The Initiator top level design process

The MissionAnalyis-module’s output is fed back to the WingThrustLoading-module until the MTOM pre-
dicted by the Class2WeightEstimation-module converges with the MissionAnalysis-module’s estimate. This
loop is referred to as the Mission Analysis loop and is indicated with the blue line in Figure 2.6. Finally, once
the Mission Analysis loop has been completed, the wing and fuselage’s geometry together with estimates
for the loads acting upon these aircraft parts are fed into the EMWETWeight- and FuselageWeight-modules.
These modules update the weight estimates for these parts and feeds these back into the Class2WeightEstimation-
module. Again a loop is started until the MTOM estimate converges, which is called the Class 2.5 loop and is
indicated by the green line in Figure 2.6.

2.8. RESEARCH OBJECTIVE
In the previous sections, the basic background concerning longitudinal stability and control was discussed.
It was shown that the aircraft’s centre of gravity, the wing/horizontal tail position as well as the horizontal tail
size have the largest influence on the stability and control characteristics of the aircraft. Also, it was shown
that by "relaxing" the requirements on stability, potential gains could be achieved with respect to aircraft drag
and weight. Finally, the Initiator tool has been introduced, which will be used to assess the extent these ef-
fects. With this background information it is now possible to formulate a research question and objective:

Research Question:
What is the effect of implementing relaxed static stability on the design of a business jet aircraft in terms of its
mass and key stability and control characteristics?

Research Objective:
Investigate and quantify the effects of using relaxed static stability on the design of a business jet aircraft on
a preliminary design phase level, by updating the weight, inertia and stability & control estimation methods
within the Initiator

This research objective entails that the capabilities of the Initiator will need to be extended first, such that
the tool can complete the preliminary design of business jet aircraft based on a set of top level requirements.
More specifically, as it is anticipated that relaxed static stability will lead to weight savings, the Class I and II
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weight estimation methods within the Initiator will have to be updated, such that the total and component
weight of business jet can be estimated with a preliminary design level of accuracy. In practical terms, this
means that the databases used by the empirical methods in the Initiator’s Class I weight estimation and sizing
need to be updated first. Furthermore, the validity of these methods for business jet aircraft will need to be
verified and alternative methods will need to be implemented where necessary. Next, the Class II weight esti-
mation methods of Torenbeek and General Dynamics as described in [18] will be implemented in an iterative
weight estimation loop, such that the snowball effect of reducing the tail size on the aircraft and component
weight can be assessed.

Secondly, as it is anticipated that relaxed static stability will affect the aircraft’s dynamic behaviour, the meth-
ods to estimate the inertia tensor as well the stability and control derivatives need to be updated as well. In
this research, the inertia tensor will be estimated with the approach as first described in reference [31]. This
method is in essence a combination of the Anemaat’s lumped mass methods as described in [32] and [33]
and the DATCOM method as described in [34]. Furthermore this method will also be expanded, such that it
can also estimate the contributions of the fuel and payload to the inertia tensors, for which again a lumped
mass method will be developed. Finally, in order to quickly estimate the stability and control derivatives, the
empirical approach as described by Roskam in reference [20] will be used, which is in essence a simplified
version of the DATCOM-method as can be found in reference [34].

Finally, with the updated Initiator a baseline business jet aircraft will be created based on the requirements
of the Cessna Citation II. Next, the wing will be shifted forward in order to reduce the static margin and the
methods described in the previous paragraphs will be used to quantify the effects of relaxed static stability on
the preliminary design of business jet aircraft. As a concluding remark, observer that the majority of methods
and updates that will be made to the Initiator are mainly based on empirical methods. This is in compliance
with the goal to estimate the effects of relaxed static stability on a preliminary design level.





3
METHODOLOGY

In this chapter the methodology to reach the research goals formulated in chapter 2 is described. Recall that
the first research goal was to quantify the effect of relaxed static stability on the business jet aircraft’s weight
with a preliminary design level of accuracy. Therefore, the modules dealing with the Class I & II weight es-
timation and sizing were updated first. In summary, the Initiator’s database was extended with business jet
aircraft data and a new relation for the take-off constraint was implemented. These updates are described in
section 3.1. Furthermore, to estimate the component weight of business jet aircraft more accurately, Toren-
beek’s and General Dynamics’s empirical methods were added to the Initiator’s Class II weight estimation.
These methods are described in more detail in section 3.2. Next, to estimate the stability and control deriva-
tives, the empirical method as described by Roskam [20], was implemented in the Initiator, which is described
in section 3.3. Finally, to estimate the aircraft’s inertia tensor, a combination of lumped mass methods and
empirical methods were used, which is explained in more detail in section 3.4.

3.1. CLASS I WEIGHT ESTIMATION AND SIZING
The purpose of the Class I weight estimation and sizing is to provide the Initiator with a first estimate for the
aircraft weight and geometry. To do this, purely statistical methods are employed as these are very fast and
should provide a reasonably accurate first estimate for conventional aircraft types [23]. In this section it is
described which the updates were made during this research to these methods, such that the Initiator can
predict the MTOM, wing loading (W/S) and thrust loading (T/W) for a business jet more accurate on a Class
I level.

First, as the Class I weight estimation and sizing methods rely heavily on statistical data, the first update to
the Initiator was to create a dedicated database of business jet aircraft and their key performance parameters.
The data was primarily obtained from references [29] and [30] and included parameters such as:

• MTOM
• OEM
• Payload mass
• Range
• Wing and Thrust Loading
• Landing and Take-Off Distance

Furthermore, it has been a ongoing trend in aviation to move from traditional aluminimum structures to
structures with more composite materials [35]. Now, in order to account for the effect of composites on the
OEM, table 2.16 of of reference [17] has been used, which is shown in Figure 3.1. It should be mentionned
that the correction factors shown in this figure assume changing from a full aluminium to a full composite
structure. Also note that these correction factors are to be applied on a part-level, which is not available at the
Class I Weight Estimation level yet. Therefore, it was assumed, based on data provided in reference [6], that
the wing and fuselage each account for approximately 25% of the OEM, whereas the empennage only con-
tributes up to 3%. No correction factors to landing gears and any secondary structures have been applied, as

15
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Figure 3.1: Weight reduction factors for composite structures [17]

it is anticipated that their effect on the Class I Weight estimate is minimal. Finally, note that the same correc-
tion factors were applied in the Class II Weight Estimation as well (see chapter 3.2).

Secondly, the module handling the estimation of the design point in the wing thrust loading diagram also
required an update. This update was necessary, because the module had the tendency to underestimate the
thrust loading for business jet aircraft. As a consequence, the modelled engines were underpowered, result-
ing in an under prediction of the OEM and fuel mass. This also resulted in problems with the mission analysis
module: since the engines were underpowered, a frequently encountered issue was that business jet aircraft
could not climb up to cruise altitude. This caused the Initiator to end the design convergence at that point,
hence no converged design was obtained.

Now, in Figure 3.2 an example of the original wing and thrust loading diagram for a Cessna Citation II is
shown, with the chosen design point indicated by the red dot. Note that the black dots in this diagram indi-
cate the 10 reference aircraft in the Initiator’s database which have a MTOM closest to the MTOM-estimate
obtained with the Class I weight estimation module. Also, the blue square in this diagram indicates the Cessna
Citation II’s actual design point. The black dots and blue square clearly demonstrate that the thrust loading
is underestimated. It may also be observed in this figure that the Citation II’s wing loading is relatively low
compared to that of the reference aircraft, which is caused by the active landing constraint. The estimate for
the wing loading obtained with this diagram (2155 N /m2) however, lies quite close to the actual wing loading
of 2195 N /m2[30].

The wing and thrust loading module uses the empirical method as described by Roskam in reference [17] to
estimate the constraints in Figure 3.2. The constraint for the take-off distance is an exception however, and
is based on an unpublished relation derived by Torenbeek (see equation 3.1)[23]. In this relation, the thrust
at V2-speed (TV2 ) is a function of the aircraft weight (W), the number of Engines (Ne ), the wing span (b), air
density at take-off altitude (ρT O), gravitational acceleration (g) and the take off distance requirement (ST O).
The advantage of this equation compared to the method as proposed by J. Roskam is that it does not take the(
CLmax

)
T O into account, which at the point of the Class I sizing is nothing more than an educated guess.

TV2

W
= 1.10

√
Ne

Ne −1

W /b2

ρT O g ST O
(3.1)

Equation 3.1, was validated for a set of 45 commercial aircraft and it was shown that for a given take-off
length an error margin of approximately 10% was obtained [23]. The problem with applying this equation to
business jet aircraft however, is that these aircraft quite often have a much larger thrust loading than predicted
with this relation. Therefore, equation 3.2 was derived, which in essence is the same as equation 3.1, but with
an additional correction factor based on the reference data of 70 business jet aircraft.
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TV2

W
= 1.50

√
Ne

Ne −1

W /b2

ρT O g ST O
(3.2)

Finally note that this updated relation can only be applied to estimate the take-off constraint of business jet
aircraft with multiple engines. This does not impose a real limit, because except for a couple of notable ex-
ceptions such as for instance the Cirrus SF50 [36], most business jet aircraft have two or more engines.

Figure 3.2: Wing and Thrust Loading Diagram for the Cessna Citation II

3.2. CLASS II WEIGHT ESTIMATION
As previously mentioned, an important goal of this research, is to assess the effect of RSS on the overall aircraft
mass on a preliminary design level (Class II). Therefore the Class2WeightEstimation-module of the Initiator
has been updated, in order to make it more robust. Originally, the Class II Weight Estimation within The
Initiator’s was done with Raymer’s component weight estimation method [8]. The landing gear weight how-
ever, is determined with a shortened version of the methodology developed by Heerens[37]. It should be
mentioned that Raymer only distinguishes 3 aircraft categories, being Figher/Attack, Cargo/Transport and
General Aviation and that within the Initiator, the Cargo/Transport-category is used to estimate the aircraft
component weight. Now, as can be deduced from the category’s name, this method was developed for large
cargo/transport aircraft. As such it may not be ideally suited to accurately estimate the weight break-down
for business jet-type aircraft. Therefore it was decided to expand the Class2WeightEstimation-module with
the GD-method and Torenbeek’s method as described in Airplane Design Part V [18].

Both methods estimate the aircraft’s take-off mass (WT O), by estimating the separate contributions of equa-
tions 3.3 & 3.4. Now, the payload mass (WPL) in equation 3.3 is a given requirement, while the crew mass
(Wcr ew ) directly follows from the regulations for that given payload [17]. The fuel weight WF can be assumed
to be identical to Class I fuel mass, or can be recalculated by assuming that the fuel fraction remains con-
stant. For the trapped fuel (WPL) it may be assumed that this contributes to 0.5% of the take-off mass. The
empty weight (WE ) as determined with equation 3.4, consists of the contributions of the structure (Wstr uct ),
powerplant (Wpwr ) and the fixed equipment (W f eq ).

WT O =WE +WF +WPL +Wt f o +Wcr ew (3.3)

WE =Wstr uct +Wpwr +W f eq (3.4)



18 3. METHODOLOGY

The approach used to determine the contributions to the structure weight is described in section 3.2.1. Next,
it is explained in section 3.2.2 how the contributions to the powerplant weight are estimated. Finally, in
section 3.2.2, it is described which items contribute to the fixed equipment weight and how their mass can be
estimated. Before moving on to the details of the weight estimation approach, two important notes should
be made first. First it should be noted that the Class II weight estimation is an iterative process. I.e. the
weight of the aircraft (WT O) is estimated based on an initial estimate and thus the process should be iterated
until the error between two estimates converges within 0.5% [18]. Secondly, note that based on assumptions
made, the correction factors in some of the presented equations in the following sections have already been
substituted. This will be indicated in the respective sections, but for clarity also a complete overview of the
assumptions made is given in Appendix A.

3.2.1. STRUCTURAL WEIGHT ESTIMATION

The methodology to determine the structural weight (Wstr uct ) of the aircraft has been taken from chapter 5
in reference [18]. As such, the structural weight can be determined by estimating the contributions of the
wing (Ww ), empennage (Wemp ), fuselage (W f ), nacelles (Wn) and landing gear (Wg ) as shown by equation
3.5. The equations used to determine these contributions will be outlined in the following paragraphs. Fur-
thermore, it is very important to stress that all parameters in the equations presented in this section (and all
of the following sections concerning weight estimation) should be subsituted with the imperial unit system.
Again it should be stressed that the estimation of the landing gear weight is done with an alternative method
developed and described by Heerens [37].

Wstr uct =Ww +Wemp +W f +Wn +Wg (3.5)

Finally, an additional correction factor (Kcomp ) can be applied to weight estimations of the wing, fuselage and
empennage to account for the use of composites in these parts. The correction factor is identical to the one
used in the Class I Weight Estimation and can thus be determined from figure 3.1. Again it should be stressed
that this correction factor assumes going from a full metal to a full composite construction.

WING WEIGHT

As described in reference [18], the wing weight estimate can be obtained with the GD-method, using equation
3.6, or with Torenbeek’s method as shown in equation 3.7. Note that the WM Z F -term in Torenbeek’s method,
denotes the maximum zero fuel weight. Additionally, correction factors based on the assumptions made (see
Appendix A) are applied to both methods in order to account for the effect of:

• Spoilers and speed brakes
• Bending relief due to wing mounted engines
• Added weight due to flaps
• Mounting of landing gear

Note that in case more than one of these effects is applicable to the aircraft design, the corresponding correc-
tion factors should be multiplied in order to obtain the total correction factor.

GD-Method:

Ww =
{
0.00428

(
S0.48

)
(A) (MH )0.43(WT Onul t )0.84(λ)0.14}[

{100(t/c)m}0.76(cosΛ1/2)1.54
] (3.6)

Torenbeek’s Method:

Ww =0.0017 ·WM Z F · (b/cosΛ1/2)0.75
[

1+
√

6.3 ·cosΛ1/2/b
]
· (3.7)

(nul t )0.55 · {bS/[(t/c) ·WM Z F ·cosΛ1/2]}0.3
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EMPENNAGE WEIGHT

Depending on the aircraft configuration, the empennage weight is obtained by adding the contributions of
the horizontal tail, vertical tail and canard [18]. Equations 3.8 and 3.9 show how these contributions are esti-
mated in the GD-method. Also, with this method the weight of the canard can be estimated by substituting
its parameters into equation 3.8. Next, in equation 3.10 it is shown how the horizontal tail weight is estimated
with Torenbeek’s method. Note that in Torenbeek’s method both the weight of the vertical tail and the canard
can be estimated by substituting their parameters into equation 3.10. Finally, the Kh-factor depends on the
tail type and can be determined as described in Appendix A.

GD-Method:

Wh = 0.0034
{
(WT Onul t )0.813(Sh)0.584(bh/(t/c)h)0.033(c̄/lh)0.28}0.915

(3.8)

Wv = 0.19


√

1+ zh/bv (WT Onul t )0.363(Sv )1.089(MH )0.601·
(lv )−0.726(1+Sr /Sv )0.217(Av )0.337(1+λv )0.363·(
cosΛ1/4v

)−0.484


1.014

(3.9)

Torenbeek’s Method:

Wh =KhSh

[
3.81

{
(Sh)0.2VD

}
/
{

1000
√

cosΛ1/2h

}
−0.287

]
(3.10)

FUSELAGE WEIGHT

As decribed in reference [18], the fuselage weight estimate may be obtained with the GD-method as shown
in equation 3.11. Note that in case of an aircraft with inlets in the fuselage or a buried engine, an additional
correction factor Ki nl of 1.25 should be taken into account. Furthermore, in equation 3.12 it is shown how the
weight of the fuselage can be estimated, by using Torenbeek’s method. Also here additional correction factors
should be applied for a pressurized fuselage (K f = 1.08), attachment of the gear to the fuselage (K f = 1.07)
and a top cargo floor (K f = 1.1). Note that these correction factors should be multiplied, for the total effect.
Also, it should be clarified that the S f g s -term denotes the fuselage gross shell area in feet squared.

GD-Method:

W f = 20.86(Ki nl )1.42(q̄D /1000
)0.283

(WT O/1000)0.95(l f /h f )0.71 (3.11)

Torenbeek’s Method:

W f = K f

√
(VD lh)/

(
w f +h f

)(
S f g s

)1.2 (3.12)

NACELLE WEIGHT

The nacelle weight estimated with the GD- and Torenbeek’s method is assumed to consist of the structural
weight of the external ducts and cowls as well as the pylon [18]. The weight of any other engine component is
included in the powerplant weight estimation, which is described in section 3.2.2. As such, the nacelle weight
of turbofan engines can be estimated with GD-method, using with equation 3.13. In Torenbeek’s method
the nacelle weight depends on the by-pass ratio of the engine (BPR). For engines with a low BPR, the nacelle
weight may be estimated using equation 3.14, while equation 3.15 should be used for high BPR engines. Fi-
nally, note that all these equations account for the nacelle weight of all engines.

GD-Method:

Wn = 7.435(Ni nl )
{√

Ai nl (ln) (P2)
}0.731

(3.13)

Torenbeek’s Method:

Wn =0.055TT O (3.14)

Wn =0.065TT O (3.15)
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3.2.2. POWERPLANT WEIGHT ESTIMATION
As described in chapter 6 of reference [18], the powerplant weight estimate is obtained by adding the contri-
butions of the engines (We ), the air induction system (Wai ), fuel system (W f s ) and propulsion system (Wp ) as
shown in equation 3.16. In the following paragraphs it will be described how the weight of these components
may be estimated using the GD- and Torenbeek’s method. Also note that for business jet aircraft the weight
of the propeller (Wpr op ) can simply be omitted.

Wpwr =We +Wai +Wpr op +W f s +Wp (3.16)

ENGINES AND AIR INDUCTION SYSTEM

The equations to estimate the weight of the engines, using the GD- and Torenbeek’s method can be found in
chapter 6.1 of reference [18]. For this research however, it was decided to use the engine weight estimation
already implemented in the Initiator. In this method the engine weight is estimated as a function the required
on the required power/thrust obtained from the wing and thrust loading module. More specifically, the en-
gine weight is estimated from a linear trend-line, relating the required power/thrust to the engine weight
based on the data of 122 turbojet and turbofan engines.

In both the GD- and Torenbeek’s method, the air-induction system is considered to be a part of the nacelle
for podded engines [18]. Therefore their contributions are included in the nacelle weigh as calculated with
equation 3.13 and 3.14 or 3.15. Note that this method cannot be applied for engines that are buried within
the fuselage or wing. This type of inlets however, are considered to be outside of this research’s scope.

FUEL SYSTEM

For both the GD- and Torenbeek’s method, the fuel system’s weight estimate highly depends on the type of
fuel tank used [18]. Now, for this research it was assumed that integral fuel tanks or a so-called wet wing is
used. This is generally true for most commercial and business jet aircraft and has as additional advantage
that equation 3.17 may be used for both GD and Torenbeek. For the assumptions made when implementing
this equation in the Initiator, Appendix A should be consulted.

GD- and Torenbeek’s Method:

W f s = 80(Ne +Nt −1)+15
√

Nt
(
W f /K f sp

)0.333 (3.17)

PROPULSION SYSTEM

According to the GD method, the propulsion system consists of the engine controls, engine starting system
and the propeller controls [18]. Note that in this research the weight of the propeller controls are neglected
and therefore the weight of the propulsion system can be estimated with equation 3.18. Furthermore, note
that equation 3.19 is only valid for rear-fuselage-mounted engines, which are the most common for business
jet aircraft. A similar relation for wing-mounted engines can be found in reference [18]. Both equations were
implemented within the Initiator, such that the updated Class II weight estimation module can also be used
for large conventional aircraft.

In order to estimate the weight of the propulsion system for turbofan and turbojet engines with Torenbeek’s
method, equation 3.21 should be used, which includes the contributions of the starting systems, accesory
drives, controls, starting and ignition sytems [18]. Note that in Torenbeek’s method, the weight contribution
of the thrust reversers is included in the nacelle weight.

GD-method:

Wp =Wec +Wess (3.18)

Wec =Kec (l f Ne )0.792 (3.19)

Wess =9.33(We /1000)1.078 (3.20)

Torenbeek’s method:

Wp = 36Ne
(
dW f /d t

)
T O (3.21)
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3.2.3. FIXED EQUIPMENT WEIGHT ESTIMATION
As described in chapter 7 of reference [18], the fixed equipment highly depends on the aircraft type and its
nominal mission. For this research it is assumed that the fixed equipment for commercial and business jet
aircraft consists of the following components:

• Flight controls (W f c )
• Hydraulic and pneumatic system (Whps )
• Instrumentation, avionics & electronics (Wi ae )
• Air-conditioning, pressurization, anti- & de-icing system (Wapi )
• Oxygen system (Wox )
• Auxiliary Power Unit (Wapu)
• Furnishing (W f ur )
• Operational items (Wops )
• Paint (Wpt )

In the following paragraphs the relations are given to estimate these weight contributions with the GD- and
Torenbeek’s method. Again, note that for the majority of these equations, the correction factors are already
substituted based on the assumptions which can be found in Appendix A.

FLIGHT CONTROLS

As shown in chapter 7.1 of reference [18], the weight of the flight control system can be estimated with equa-
tion 3.22. The weight contribution of the flight controls can also be estimated with Torenbeek’s method, for
which equation 3.23 should be used. Note that the contributions of the hydraulic and pneumatic systems,
which are used to drive the flight control system, are also taken into account by these relations. Finally, it
should also be mentioned that these equations do not account for the added weight in the control system
due to relaxed static stability. For instance, it is not unthinkable that a stability augmentation system is re-
quired, which would increase the control system’s weight. To solve this issue, a correction factor may be
applied to the obtained result, accounting for the increase in flight controls weight.

GD-method:

W f c = 56.01
{
(WT O)

(
q̄D

)
/100000

}0.576 (3.22)

Torenbeek’s method:

W f c = 0.64(WT O)2/3 (3.23)

ELECTRICAL SYSTEM

Equation 3.24 shows how the weight of the electrical system can be estimated with the GD-method [18]. Ob-
serve that in this method, the weight of the electrical system is dependent on the weight of the fuel system
and the weight contributions of the instruments/avionics. The weight of the electrical system can also be
estimated using Torenbeek’s method and in this case, equation 3.25 should be used. Note that this equation
is only valid for jet aircraft. Also, from this equation it can be observed that in Torenbeek’s method the weight
of the electrical system, mainly depends on the volume of the passenger cabin [18].

GD-method:

Wel s = 1163
{(

W f s +Wi ae
)

/1000
}0.506 (3.24)

Torenbeek’s method:

Wel s = 10.8
(
Vpax

)0.7
{

1−0.018
(
Vpax

)0.35
}

(3.25)

INSTRUMENTATION, AVIONICS AND ELECTRONICS

The weight of the instrumentation can be estimated with the modified GD-method, as shown in equation
3.26. The first term in this equation accounts for the flight instruments and is thus dependent on the amount
of pilots (Npi l ). The second term accounts for the engine instruments while the two final terms are used to
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estimate the mass of the remaining instruments [18]. Secondly, the instruments’ weight may also be esti-
mated with Torenbeek’s method, using equation 3.27 or 3.28. Note that the first relation is valid for regional
transport aircraft, while the second should be applied to jet transport aircraft, both have been implemented
within the Initiator. Finally, note that most modern aircraft make use of so-called "glass cockpits" and thus
the weight predicted with these methods will be a rather conservative estimate.

GD-method:

Wi = Npi l {1+0.032(WT O/1000)}+Ne {5+0.006(WT O/1000)}+0.15(WT O/1000)+0.012WT O (3.26)

Torenbeek’s method:

Wi ae =120+20Ne +0.006WT O (3.27)

Wi ae =0.575(WE )0.556(R)0.25 (3.28)

AIR CONDITIONING, PRESSURIZATION AND DE-ICING

As described in chapter 7.5 of reference [18] the weight contribution of the air conditioning, pressurization
and de-icing system combined may be estimated using equation 3.29 or 3.30. Note, that in the Torenbeek
relation, the lpax -term is the length of passenger cabin and that these relations are only valid for pressurized
aircraft.

GD-method:

Wapi = 469
{
Vpax

(
N cr +N pax

)
/1000

}0.419 (3.29)

Torenbeek’s method:

Wapi = 6.75
(
lpax

)1.28 (3.30)

OXYGEN SYSTEM

Rather surprisingly, the weight of the oxygen system is not included in the contribution of the pressurization
system. Equation 3.31 shows how this system’s weight may be estimated with the GD-method. Torenbeek’s
method is slightly more complex and makes the distinction between regional and long range aircraft as in-
dicated by equations 3.32 and 3.33. Note that Torenbeek’s method also includes a third relation for general
aviation aircraft cruising below 25000ft. This type of aircraft however cannot be analysed by the Initiator and
thus this relation was not included in the updated Class2WeightEstimation-module

GD-method:

Wox = 7
(
Ncr +Npax

)0.702 (3.31)

Torenbeek’s method:

Wox =30+1.2Npax (3.32)

Wox =40+2.4Npax (3.33)

FURNISHING WEIGHT

The method to estimate the furnishing weight with the GD- and Torenbeek’s method has been taken from
chapter 7.8 in reference [17]. Note that these equations also account for the weight of operational items such
as food, potable water, drink, china and lavatory supplies.
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GD-method:

W f ur =N f dc +32Npax +15Ncc +3.9
(
Npax

)1.33 +1.02(Npax )1.12+ (3.34)

+109
{(

Npax (1+Pc )
)

/100
}0.505 +0.771(WT O/1000)

Torenbeek’s method:

W f ur = 0.211(WT O −WF )0.91 (3.35)

OTHER ITEMS

Finally, there are some minor contributions that still need to be added to the fixed equipment. For this re-
search, only the contributions of the the APU and the aircraft paint are taken into account. There is no sep-
arate GD- or Torenbeek method to estimate weight of these component, their weight is simply set to be the
following ratio of the take-off weight [18]:

Wapu =0.008WT O (3.36)

Wpai nt =0.0045WT O (3.37)

3.3. STABILITY & CONTROL DERIVATIVE ESTIMATION

Table 3.1: Overview of the calculated stability derivatives

Derivative Explanation Section

CLα Lift-due-to-angle-of-attack derivative 3.3.2
CDα Drag-due-to-angle-of-attack derivative 3.3.2
Cmα Pitching-moment-due-to-angle-of-attack derivative 3.3.2
Cyβ Sideforce-due-to-sideslip derivative 3.3.3
Clβ Rolling-moment-due-to-sideslip derivative 3.3.3
Cnβ Yawing-moment-due-to-sideslip derivative 3.3.3
Cyp Sideforce-due-to-roll-rate derivative 3.3.4
Clp Rolling-moment-due-to-roll-rate derivative 3.3.4
Cnp Yawing-moment-due-to-roll-rate derivative 3.3.4
CDq Drag-due-to-pitch-rate derivative 3.3.5
CLq Lift-due-to-pitch-rate derivative 3.3.5
Cmq Pitching-moment-due-to-pitch-rate derivative 3.3.5
Cyr Sideforce-due-to-yaw-rate derivative 3.3.6
Clr Rolling-moment-due-to-yaw-rate derivative 3.3.6
Cnr Yawing-moment-due-to-yaw-rate derivative 3.3.6

The stability and control derivatives are required to estimate the static and dynamic stability as well as the
handling qualities of aircraft on a preliminary level. Therefore, to estimate these derivatives, the methodol-
ogy as described in reference [20] has been used, which is in essence a simplified version of the DATCOM
methodology (see reference [34]). This approach was chosen as it is a purely empirical method, allowing for
quick estimation of the stability and control derivatives. The downside of this method however, is that it is
less accurate than for instance vortex-lattice based methods (see reference [38])and as a consequence correc-
tion factors to obtain the correct derivative may be required [39]. Furthermore, a couple of comments need
to be made with respect to the validity of the presented method:

• Aero-elastic effects are not taken into account, hence rigid aircraft are assumed.
• Although the speed regime for which the selected method is valid depends from derivative to derivative,

the selected approach should not be used for aircraft with a cruise speed higher than M = 0.9
• All the derivatives estimated with this are calculated in (r ad−1) and are derived with respect to the

stability axes system.
• All parameters in the equations presented in the following paragraphs should be substituted in imperial

units.



24 3. METHODOLOGY

Now, because business jet aircraft are relatively small and have for instance a small to almost non-existing
wing flex, the first comment does not really impose a limit on the use of the selected approach for this type
of aircraft. If the derivatives of a larger aircraft with larger wingflex need to be determined however, the re-
sults obtained should be critically reviewed. Furthermore, quite often in flight mechanics, the derivatives are
required to be calculated with respect to the body-axis reference frame. The derivatives obtained with this
approach can be converted to this reference frame by a simple rotation matrix transformation over the air-
craft’s angle of attack. Finally, Table 3.1 shows an overview of the stability derivatives estimated as part of this
research, as well as the section in which the method of estimation is described in more detail.

3.3.1. STEADY STATE COEFFICIENTS

Before estimating an aircraft’s stability and control characteristics, the steady state conditions of the aircraft
have to be determined first, as it is around these conditions that the derivatives will be estimated. For this
research only two steady state coefficients are estimated, being the steady state lift coefficient (CL1 ) and the
steady state drag coefficient (CD1 ). Now, the method to estimate the steady state lift coefficient is straigh-
forward and is given by equation 3.38 [20]. Note that the n-factor in this equation denotes the aircraft load
factor, which is equal to one in steady symmetric flight. The drag coefficient is directly obtained from the
lift-drag polar as shown in equation 3.39 and in Figure 3.3. In this research, the drag polar is directly ob-
tained from the Initiator’s drag estimation module, which uses the drag prediction methods of [6] and [20] to
calculate the drag polar in clean, take-off and landing conditions.

CL1 =
nW

q̄S
(3.38)

CD1 = f (CL1 ) (3.39)

Figure 3.3: Estimation of CD1 from the Drag Polar [20]

3.3.2. ANGLE OF ATTACK DERIVATIVES (CLα ,CDα ,Cmα )
As described in reference [20], before any angle of attack derivative can be estimated, the 3D lift curve slope
of all lifting surfaces (CLαs

) should be estimated first. To this purpose equation 3.40 is used, which transforms
the 2D lift curve slope by taking the effects of aspect ratio (A), mid-chord sweep angle (∆c/2) and the ratio of
the aerofoil lift slope to the theoretical flat plate slope (k) into account. Also, observe that compressibility is
taken in account by the β-term, denoting the Prandtl-Glauert compressibility correction factor.
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CLαs
= 2πA

2
√(

A2β2/k2
)(

1+ tan2 (Λc/2)/β2
)+4

(3.40)

Next, the aircraft’s lift curve slope (CLα ) is estimated by adding the contributions of the wing-fuselage combi-
nation (CLαw f

), the horizontal tail (CLαh
) and the canard (CLαc

), as shown in equation 3.41. Moreover, it can

be observed in this equation that the wing’s contribution to CLα is corrected with a wing-fuselage interfer-
ence factor (Kw f ) in order to obtain the wing-fuselage combination’s contribution. Next, the horizontal tail
and the canard’s contributions are calculated, by correcting with the dynamic pressure ratio (ηh), the ratio of
the tail’s surface over the main wing’s surface (Sh/S) and the downwash/upwash gradient (dε/dα). Note that
the methods to determine these correction factors are described in more detail in chapter 8 of reference [20].

CLα = Kw f CLαw
+CLαh

ηh(Sh/S)(1−dε/dα)+CLαc
ηc (Sc /S)(1+dε/dα) (3.41)

Next, to determine CDα , it is assumed that the drag polar is parabolic and therefore equation 3.42 holds.
Note that the CL1 -term in this equation is the steady state lift coefficient, which was already determined with
equation 3.38.

CDα =
(

2CL1

πAe

)
CLα (3.42)

To determine the aircraft’s pitching-moment-due-to-angle-of-attack derivative, the variation of aircraft pitch-
ing moment with lift coefficient has to be estimated first. As shown by equation 3.43, this is done by estimat-
ing the distance between the aircraft’s centre of gravity and the aircraft aerodynamic centre, both normalized
with respect to the mean aerodynamic chord. Just like the lift curve slope, the aerodynamic centre is calcu-
lated by taking the contributions of wing-fuselage combination, horizontal tail and canard into account and
correcting them with the same factors as mentioned before. Cmα can then be estimated with equation 3.44

(dCm/dCL) = x̄r e f − x̄ac (3.43)

Cmα = (dCm/dCL)CLα (3.44)

Finally, when implementing this methodology in the Initiator, it was discovered that the method proposed
by Roskam has the tendency to over-estimate the forward shift in the aircraft’s aerodynamic centre due to
the fuselage considerably. Therefore, it was decided to estimate this effect with another approach, which
is shown by equation 3.45. This equation relates the shift in aerodynamic centre to the fuselage length (L)
and the longitudinal position of the wing’s quarter chord on the fuselage (X) and is based on a empirical fit
to wind tunnel test data [40]. It should be emphasized that this equation may only be used for swept-back
wings, because it is unable to predict the rear ward shift in aerodynamic centre due to forward-swept wings.

∆xac =−0.148
X

L
(3.45)

3.3.3. SIDESLIP DERIVATIVES (Cyβ ,Clβ ,Cnβ )
The first angle of sideslip derivative to be estimated, is the sideforce-due-to-sideslip (Cyβ ). As shown in equa-
tion 3.46, this derivative consists of the contributions of the wing, fuselage and vertical tail. The wing contri-
bution is negative and a function of the dihedral angle (Γ). The fuselage’s contribution is also negative and
depends on a correction factor (Ki ), the wing area (S) and the fuselage cross-sectional area at the point were
the flow ceases to be potential (S0). Note that the Ki correction factor is dependent on the fuselage’s diameter
and the vertical wing position. The vertical tails contribution (Cyβv

) is determined in an analogue manner as
the horizontal tail’s contribution to CLα . The only difference is an empirical correction factor kv , dependent
on the fuselage depth (2r1) and vertical tail span (bv ). Note that twin vertical tails have not been taken into
account. Also note that the methods to estimate the aforementioned correction factors are described in more
detail in chapter 10 of reference [21].

Cyβ =Cyβw
+Cyβ

f
+Cyβv

(3.46)
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Next, Clβ or the dihedral effect, consists of the contributions of the wing-fuselage combination, the horizontal
tail and the vertical tail (see equation 3.47). The wing-fuselage combination’s contribution depends amongst
other variables on the wing-fuselage lift coefficient (CLw f ), wing & fuselage geometry, and correction factors
for compressibility (KM ) and fuselage induced effect on the wing height (∆Clβ/Γ). The horizontal tail’s con-
tribution is calculated in an analogue way, with an additional correction for the ratio of the horizontal tail’s
size over the main wing’s size (Shbh/Sb). The vertical tail’s contribution is estimated by correcting Cyβv

for
the horizontal and vertical tail arms (lv and zv ), α and the main wing span (b).

Clβ =Clβ
w f

+Clβ
h
+Clβv

(3.47)

Cnβ or the static directional stability consists of the contributions of the main wing, fuselage and vertical tail
as shown in equation 3.48. The wing’s contribution is only important at high angles of attack and therefore
assumed to be zero. The fuselage’s contribution is determined purely empirical, with important contributions
of the fuselage length (l ) and side area(Sbs ). The vertical tail’s contribution is determined in an analogue way
as for Clβ .

Cnβ =Cnβw
+Cnβ

f
+Cnβv

(3.48)

3.3.4. ROLL RATE DERIVATIVES(Cyp ,Clp ,Cnp )
Before explaining how the roll rate derivatives are estimated, it should be specifically mentionned that the
method presented here is only applicable to the subsonic speed regime. For other speed regimes, it is sug-
gested to use the DATCOM method [34]. That being said, the first derivative to be calculated with respect to
roll rate is the sideforce-due-to-roll-rate or Cyp . As shown by equation 3.49, this derivative is primarily influ-
enced by the vertical tail. Furthermore it may be also be observed from this equation that this derivative also
depends on the rolling-moment-due-to-roll-rate derivative for zero lift and dihedral.

Cyp = 2Cyβv
(zv cosα− lv sinα− zv )/b +3sinΓ [1− (4z/b)sinΓ]

(
Clp

)
CL=0,Γ=0

(3.49)

As shown in equation 3.50, Clp or the roll damping derivative consist of the main wing’s, horizontal tail’s and
vertical tail’s contributions. Note that the fuselage’s contribution to this derivative can be neglected. The
main wing’s contribution is determined by taking the roll damping parameter (βClp /κ), the wing lift curve
slope (CLαw

), the dihedral effect, the wing drag contribution into account. The horizontal tail’s contribution
is calculated in a similar way as the main wing’s and then corrected for some geometrical parameters such
as the tail surface and span. The vertical tail’s contributions consists of the vertical tail contribution to Cyβ ,
corrected for α and the horizontal and vertical tail arms.

Clp =Clpw
+Clph

+Clpv (3.50)

The final roll rate derivative (Cnp ), consists of the contributions of main wing and vertical tail as shown by
eqauation 3.51. The wing’s contributions consists of contributions due to the main wing lift (CLw ), the main
twist (ε) and the flap deflection (δ f ). The main wing lift contribution is corrected for geometrical parameters
such as aspect ratio, quarter-chord sweep and compressibility. The wing twist contribution is using look-up
tables produced with the DATCOM method [34]. The flap contribution depends on the ∆Cl caused by the
flap, the clean aerofoil lift slope (Clα ) and the flap deflection itself. It should be stressed that in the stability
and control derivative estimation module, in which this method was implemented, only the ∆Cl for plain
flaps was implemented. As a consequence, the results obtained with this module for aircraft with other flap
types should be critically reviewed. Finally, the vertical tail contribution exists of Cyβv

, corrected for the main
wing span and the horizontal and vertical tail arms.

Cnp =Cnpw
+Cnpv (3.51)

3.3.5. PITCH RATE DERIVATIVES(CDq ,CLq ,Cmq )
Similar to the roll rate derivatives, it should be noted that the method presented here is only applicable to the
subsonic speed regime. For higher speeds, the DATCOM method should be consulted [34]. Furthermore, the
first derivative to be estimated with respect to pitch is CDq , which negligible for most aircraft.
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The lift-due-to-pitch rate is thus the first derivative to be estimated in this category and consists of the con-
tributions of the main wing, horizontal tail and canard as shown in equation 3.52. The wing’s contribution
should be estimated at zero Mach first and then be corrected for aspect ratio, quarter chord-sweep and com-
pressibility. The contribution at zero Mach mainly depends on the main wing’s lift slope and the static mar-
gin. The horizontal tail’s contribution mainly depends on the horizontal tail’s lift slope, dynamic pressure
ratio with respect to the wing and the tail volume coefficient. The canard’s contribution is estimated in the
same way. Again note that a more detailed explanation on how to estimate these contributions can be found
in chapter 10 of reference [20].

Clq =Clqw
+Clqh

+Clqc
(3.52)

Cmq or the pitch damping derivative consists of the same contributions as CLq , see equation 3.53. The wing
contribution to the pitching moment should again be estimated at zero Mach first and then be corrected for
the main wing’s geometrical properties. The horizontal tail and canard contribution are estimated in a similar
fashion as for CLq , but should be multiplied by their respective tail arms.

Cmq =Cmqw
+Cmqh

+Cmqc
(3.53)

3.3.6. YAW RATE DERIVATIVES (Cyr ,Clr ,Cnr )
The final set of stability derivatives estimated in this research are those with respect to yaw rate and the first
estimated derivative in this group is the sideforce-due-to-yaw-rate derivative or Cyr . This derivative is pri-
marily influenced by the vertical tail and for subsonic speeds (see sections 3.3.4 & 3.3.5), it may be estimated
using equation 3.54.

Cyr =−2
(
Cyβv

)
(lv cosα+ zv sinα)/b (3.54)

As can be seen in equation 3.55, the rolling-moment-due-to-yaw-rate depends on the contributions of wing
and vertical tail. Just as Cnpw

, Clrw
depends on the contributions of the wing to the rolling moment, the wing

twist and the flap deflection. New, however is that here the dihedral effect should be taken into account as
well. The vertical tail’s contribution estimated by correcting Cyβv

for b,lv ,zv and α.

Clr =Clrw
+Clrv

(3.55)

Finally, the yaw-damping derivative or Cnr depends on the contributions of the wing and vertical tail as shown
in equation 3.56. The wing’s contribution is a function of the lifting effect, the wing lift coefficient, the drag
effect and the wing’s zero lift drag. The vertical tail’s contribution is again a function of Cyβv

, b, lv ,zv and α.

Cnr =Cnrw
+Cnrv

(3.56)

3.3.7. CONTROL DERIVATIVES

Roskam’s empirical approach is also used to determine the control derivatives and is described in chapter
10.3 of reference [20]. In this research, only the control derivatives of the elevator, ailerons and rudder are es-
timated. Note that modern aircraft also use other control surfaces, such as for instance spoilers or flaperons
for roll-control. The estimation of these surfaces’ control derivatives however, is considered to be outside of
the scope of this research.

To estimate the elevator control derivatives, the horizontal tail’s lift, drag and pitching moment contributions
need to be estimated first. The stabilizer’s drag may be estimated from equation 3.57, note that all terms
without the h-subscript refer to the wing. The stabilizer’s lift due to incidence can then be estimated from
the horizontal tail’s lift-due-to-angle-of-attack derivative using equation 3.58. Finally, also the stabilizer’s
pitching moment may be estimated from equation 3.59. Note that an analogue approach may be used to also
estimate the lift, drag and pitching moment contributions of a canard.
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CDih
= 2[CL/πAe]

(
CLh

)
ηh(Sh/S) (3.57)

CLih
= ηh(Sh/S)CLαh

(3.58)

Cmih
=−

(
CLαh

)
ηhV̄h (3.59)

Now, the control surfaces are considered to be plain flaps which cause a change in local angle of attack. The
derivative of angle of attack with respect to the elevator deflection (αδe ) can be estimated with equation 3.60.

In this equation Kb is the elevator span factor,
(
clδ/

(
clδ

)
theor y

)
is a correction factor for plain flaps,

(
clδ

)
theor y

is the theoretical elevator effectiveness, k ′ is a correction factor accounting for non-linear flap (elevator) be-
haviour and

{
(αδ)CL

}
/
{
(αδ)Cl

}
accounts for the effect of aspect ratio and chord ratio on the elevator effec-

tiveness. All these correction factors may be found with the methods presented in chapter 8 of reference [20].

αδe = Kb

{(
clδ/

(
clδ

)
theor y

)}(
clδ

)
theor y

(
k ′/Clαh

)[{
(αδ)CL

}
/
{
(αδ)Cl

}]
(3.60)

The elevator control derivatives may then be estimated by multiplying the change in local angle of attack with
the stabilizer control derivatives, as shown in equations 3.61 to 3.63. Finally, note that similar procedures were
used to estimate the rudder and aileron control derivatives.

CDδe
= (

αδe

)
CDih

(3.61)

CLδe
= (

αδe

)
CLih

(3.62)

Cmδe
= (

αδe

)
Cmih

(3.63)

3.4. INERTIA ESTIMATION
As mentioned in chapter 2, the general procedure to estimate a body’s mass moment of inertia around a
random axis, is to estimate the two contributions as shown in equation 3.64. Recall that the first term indi-
cates the body’s mass moment of inertia around an axis symmetrical to the random axis and through its own
centroid. The second contribution is the so-called Steiner-term and consists of the object’s mass times the
distance to the random axis squared.

I = I0 +mr 2 (3.64)

Now, for this research we are interested in estimating the aircraft’s mass moment of inertia tensor around
the body axis system. To this purpose, the method described in reference [31] is used, which relies heavily
on the work of the DARcorporation, as described in [32] and [33]. In this method, four types of aircraft parts
are distinguished and for each type, a different approach is used to estimate their contributions to the mass
moment of inertia tensor. Firstly, there are the bodies of revolution (cylindrical objects), for which the inertia
tensor is estimated with a lumped mass method described in section 3.4.1. Next, there are the lifting surfaces,
for which two separate methods are used: one for the main wing and another for the tail surfaces. For the
main wing also a lumped mass method is used, based on the results of the Initiator’s EMWET module. For all
other lifting surfaces the DATCOM method is used and both methods are explained in section 3.4.2. Finally,
all other aircraft parts are assumed to be point masses and the method used to determine their contributions
to the inertia tensor is discussed in section 3.4.3.

3.4.1. BODIES OF REVOLUTION
To estimate the contributions of cylindrical objects to the inertia tensor, the method as described in reference
[32] is used. As such, with this approach an estimate for the inertia contributions of the fuselage as well as
the nacelles (not the engines!) can be obtained. In this approach, the cylindrical object is divided first into
longitudinal stations, such that cross-sections as shown in Figure 3.4 are obtained. The mass of the cylinder
is then divided over the cross-sectional stations by using equation 3.65. Next, the mass per station is divided
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Figure 3.4: Example of cylindrical cross-section with distribution of lumped masses [32]

over 8 lumped masses as shown in Figure 3.4. The weight of these point masses can be estimed by using
equation 3.66. The effect of a fuselage floor is incorporated by using a correction factor to concentrate more
mass at the bottom lumped mass (mass 5). This correction factor is set to 1 for the nose and tail sections of
the fuselage and 2 for the center sections. Obviously, in the case of nacelles no floor is present and thus no
correction factor is used. Moreover, the position of these point masses needs to be estimated as well. The
position coordinates of these point masses depend on the object’s geometry and can be determined with
simple trigonometry.

Wi =W f
A f usi∑

A f usi

(3.65)

W j =Wi
S j∑

S j
(3.66)

With the masses and their geometrical coordinates known, the moments of inertia for each point mass can
be estimated by using equations 3.67 to 3.70. As shown by these equations, it is assumed that lumped masses’
mass moment of inertia around their centre of gravity is zero, which is a valid assumption provided that the
fuselage is divided in a large amount of lumped masses. Finally, the moments of inertia should be added for
all point masses to obtain cross-sectional moments of inertia, which in it’s turn should be summed to obtain
the fuselage’s and nacelles’ moments of inertia contributions.
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Ixx j =W j

[(
ycg j −Ycg

)2 +
(
zcg j −Zcg

)2
]

(3.67)

Iy y j =W j

[(
zcg j −Zcg

)2 +
(
xcg j −Xcg

)2
]

(3.68)

Izz j =W j

[(
xcg j −Xcg

)2 +
(

ycg j −Ycg

)2
]

(3.69)

Ixz j =W j

[(
xcg j −Xcg

)(
zcg j −Zcg

)]
(3.70)

3.4.2. LIFTING SURFACES

Two approaches are used to estimate the moments of inertia contributions of the lifting surfaces. The main
wing’s inertia tensor is estimated with the method as described in reference [33]. This approach requires
knowledge on the wing’s geometry as well as the distribution of masses for key components in the main wing
such as the skins and spars. In order to obtain the distribution of these masses, the results of the Initiator’s
EMWETWeight-module are used.

Now, the main issue with EMWET, is that it estimates the wing weight by sizing the wingbox for the given input
loads first and then applies a correction factor in order to estimate the weight of secondary components. Note
that in the Initiator, the input loads for EMWET are determined using AVL. This correction factor has only
been validated for main wings and therefore, EMWET may only be used to estimate the weight of wings and
not that of horizontal and vertical tailplane’s. Therefore, another approach is required to estimate the inertia
tensor of these lifting surfaces and to this purpose section 8.1 of the DATCOM method is used [34].

MAIN WING

As stated before, the approach to estimate the main wing’s contribution to the aircraft mass moment of inertia
tensor has been taken from reference [33]. Now, in analogy with the method used for cylindrical objects, the
wing mass is first divided over a number of span-wise stations. For convenience, the number of spanwise
stations is set equal to the amount of span-wise stations from EMWET. Next, the mass at the wing stations, is
spread over the aerofoil in 5 lumped masses as shown in Figure 3.5. The area of the aerofoil and its segments
is then calculated by integrating the thickness chord-wise, for which equation 3.71 may be used. Note that
this equation should be integrated over the segments to obtain the areas of those respective segments.

Aaer o f oi li = 10C 2
ηi

(t/c)
(
0.197933x

3
2 −0.063x2 −0.1172x3 +0.071075x4 −0.0203x5

)1

0
(3.71)

Figure 3.5: Example of aerofoil cross-section with distribution of lumped masses [33]

Next, the intermediate parameter (m) has to be calculated for which equation 3.75 can be used. The param-
eters A1 and B1 can be determined from equations 3.73 and 3.74, while the C1-term in these equations can
be determined with equation 3.72. Finally, note that the slope in these equations should be varied until the
half-wing’s centre of gravity lies on the mean geometrical chord.
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C1 =
(
W − b2

2 sl ope
)

b
(3.72)

A1 =C1

(
b

Nst

)
+

(
sl ope

2

)
b2

N 2
st

(3.73)

B1 =C1

(
b

Nst

)
+

(
3sl ope

2

)
b2

N 2
st

(3.74)

m = B1 − A1 (3.75)

Finally, the weight distribution at the aerofoil cross-sections is determined by using equations 3.77 to 3.81.
The fractions of the skin (Fski n), the ribs ((Fr i bs )) and the spars (F f s ,Fms or Fski n) to the total wing weight are
determined from EMWET. Note that EMWET only provides the thickness of these elements, hence first the
trapezoidal volume of the skin and spars is estimated based on EMWET’s thickness and the Initiator’s wing
geometry. After which, the obtained volume is multiplied by the material density to obtain the weight of these
elements. The rib weight may be estimated using equation 3.76 [41]. Note that the kr -factor is assumed to be
0.5 ·10−3 [41]. Observe that this approach has been validated by comparing the original EMWET wing weight
to the weight obtained based on the EMWET thicknesses and it was observed that

mr i b = krρSw

(
1+ (t/c)r + (t/c)t

2

)
(3.76)

W1i =
(
S1Fski n +

(
Aai r f oi l seg ment1i

Aai r f oi li

)
Fr i bs

)
(A1 +m (i −1)) (3.77)

W2i =
(
(S2 −S1)Fski n +

(
Aai r f oi l seg ment2i

Aai r f oi li

)
Fr i bs +F f s

)
(A1 +m (i −1)) (3.78)

W3i =
(
(S3 −S2)Fski n +

(
Aai r f oi l seg ment3i

Aai r f oi li

)
Fr i bs +Fms

)
(A1 +m (i −1)) (3.79)

W4i =
(
(S4 −S3)Fski n +

(
Aai r f oi l seg ment4i

Aai r f oi li

)
Fr i bs +Fr s

)
(A1 +m (i −1)) (3.80)

W5i =
(
(1−S4)Fski n +

(
Aai r f oi l seg ment5i

Aai r f oi li

)
Fr i bs

)
(A1 +m (i −1)) (3.81)

The position of each aerofoil section can be determined with equations 3.82 to 3.84. Note that equation
3.84 only shows how to calculate the apex point of each aerofoil. Hence, to determine the x-coordinate for
each aerofoil segment, one still needs to add half the distance of that segment and the total distance of the
preceding segments.

Ycgi =
i

Nstw

bw

2
− 1

2

bw
2

Nstw

(3.82)

Zcgi = Zapex
w
+Ycg

i
tanΓ (3.83)

Xapexwi
= Xapexw +Ycg

i
tanΛLEw (3.84)

(3.85)

Finally, the main wing’s inertia tensor can be obtained by summing the separate contributions first over the
segments, then over the aerofoils and finally over the entire wing, by using equations 3.67 to 3.70. Again, it
should be stressed that it is assumed that each segment’s moment of inertia around its own centroid is zero,
which is a valid assumption provided that the wing is divided into sufficient stations.

OTHER LIFTING SURFACES
The aproach used to estimate the main wing’s inertia cannot be applied to other lifting surfaces such as the
empennage, because of the lack of information concerning the mass distribution of these surfaces’ main



32 3. METHODOLOGY

components. Therefore, section 8.1 of the DATCOM method is used to estimate the inertia contributions of
these lifting surfaces. Unlike the previously discussed methods, in this method the empennage is not divided
into point masses. As such, the empennage’s moment of inertia around it’s centroid is determined first, after
which the Steiner-contributions are added [34].

Now, to estimate the empennage’s moment of inertia around its centroid, the mass distribution of the hori-
zontal and vertical tailplane have to be determined first. In the DATCOM-method, it is assumed that the mass
distribution of any wing, consists of three connected linear functions as shown in Figure 3.6 [34]. It is also
shown in this figure how the slope of these functions depends on the wing’s planform and can be estimated
by determining the parameters ca , cb and cc . These parameters are respectively the largest, intermediate and
smallest value of cx in equations 3.86 to 3.88. Also, with these parameters the ratio of weight to chord (ρ) can
be calculated, using equation 3.89.

Figure 3.6: Chord-wise mass distribution of lifting surfaces [34]

cx = cr (3.86)

cx = b tanΛLE

2
(3.87)

cx = ct + b tanΛLE

2
(3.88)

ρ = W

0.5(−ca + cb + cc )
(3.89)

(3.90)

According to the DATCOM-method, the pitching moment of inertia for any type of lifting surface around it’s
own centroid can be estimated with equation 3.93. The parameters in this equation are determined from
equations 3.92 to 3.93. Note that the K0-factor as shown here is only applicable to horizontal and vertical
tails.

I0 = K0

[
I − (

∑
mx)2

m

]
(3.91)
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In which,

K0 = 0.771 (3.92)

I = ρ

12

(−c3
a + c3

b + c2
c cb + cc c2

b + c3
b

)
(3.93)∑

mx = ρ

6

(−c2
a + c2

b + cc cb + c2
c

)
(3.94)

Now, in the case of the horizontal tail, the rolling moment of inertia around its centroid (Iox HT ) is estimated
by substituting its geometrical parameters into equation 3.95. The K4-factor is determined from Figure B.1a
in Appendix B. Next, the pitching moment of inertia around the horizontal tail’s centroid (Ioy

HT
) is estimated

from equation 3.93. Finally the stabilizer’s yawing moment of inertia (Ioz HT ) is simply the sum of the hori-
zontal tail’s pitching and rolling moment of inertia.

Iox HT = WHT bHT
2K4

24

(
cr HT +3ct HT

cr HT + ct HT

)
(3.95)

The procedure for estimating the vertical tail’s inertia around its centroid, is similar to that of the horizontal
tail. First, the rolling moment of inertia around the vertical tail’s centroid (Iox V T ) is determined with equation
3.96. The K5-factor is determined from Figure B.1b in Appendix B. Next, the yawing moment of inertia (Ioz V T )
is estimated by substituting the vertical tail’s parameters into equation 3.92. Finally the vertical tail’s pitching
moment of inertia around its centroid (Ioz V T ) is obtained by summing its rolling and yawing moments of
inertia.

Iox V T = WV T b2
V T K5

18

(
1+ 2crV T ct V T(

crV T + ct V T

)2

)
(3.96)

With the inertia tensor around the empennage’s centroid estimated, the inertia tensor around aircraft’s centre
of gravity can be estimated using equations 3.97 to 3.100. Note that the centre of gravity locations of the
tail surfaces in these equations are directly taken from the horizontal and vertical tail object in the Initiator.
Finally, note that in the DATCOM method, the Ixz -tensor is the only asymmetrical inertia tensor taken into
account, which is a valid assumption since the xz-plane is the plane of symmetry for most conventional
aircraft.

Ixx = Iox +mst ab

((
ycgst ab −Ycg

)2 + (
zcgst ab −Zcg

)2
)

(3.97)

Iy y = Ioy +mst ab

((
xcgst ab −Xcg

)2 + (
zcgst ab −Zcg

)2
)

(3.98)

Izz = Ioz +mst ab

((
xcgst ab −Xcg

)2 + (
ycgst ab −Ycg

)2
)

(3.99)

Ixz = mst ab

((
xcgst ab −Xcg

)2 + (
zcgst ab −Zcg

)2
)

(3.100)

3.4.3. OTHER AIRCRAFT PARTS
The general method to estimate the mass moment of inertia contributions of the remaining aircraft parts, is
to assume that these are point-masses and thus substituting their mass and centre of gravity locations directly
into equations 3.67 to 3.70. This straight forward approach is used to estimate the inertia contributions of the
following parts:

• Landing gear
• Engines (with starters & controls)
• Aircraft systems & furnishing
• Payload

Until now, only the approach used for estimating the inertia contributions of the empty aircraft have been
discussed. To obtain the overall aircraft mass moment of inertia tensor however, it is necessary to estimate
the contributions of the payload and fuel as well. Now, to estimate the fuel’s contribution to the aircraft’s
inertia tensor, it is assumed that all fuel is stored in the main wing tanks and is equally divided over the left
and right wing halves. Because of this assumption, the suggested approach may not be used to estimate the
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inertia tensors of aircraft with belly or trim tanks. Furthermore, the effect of fuel slushing around during flight
on the centre of gravity and the inertia tensor are considered to be outside the scope of this research.

Keeping these assumptions in mind, the wing is divided into 80 span-wise stations of equal length, that is 40
in each wing-half. For each of these stations, it is assumed that the area between the front and the rear spar
is available for the the storage of fuel. Hence, if the local thickness ratio and spar locations are known, the
volume available for fuel storage may be estimated. To this purpose, first the area of the aerofoils adjacent
to each station and available for fuel storage is calculated by integrating the local chord thickness from the
front spar to the rear spar with equation 3.71. The spar locations are a setting within the Initiator and are thus
easily obtained. The local thickness ratio is assumed to vary linearly over the wing in the case of a straight
wing. In the case of a wing with kink, it is assumed that the thickness ratio varies linearly from root to kink
and again from kink to tip.

With the area available for fuel storage at the adjacent aerofoils of each station known, the available fuel
volume in the stations and the total fuel volume is determined by integrating the area over the wing/station-
span. Next, the ratio between the available fuel volume at each station and the total fuel volume is calculated
and then multiplied by the total fuel mass, in order to obtain a realistic distribution of the fuel mass over the
stations. Next, the centre of gravity locations for each station is determined from equations 3.82 to 3.83. Note
that for the x-coordinate it is assumed that it lies exactly in the middle between the two spars. With the mass
and centre of gravity known for each station, the inertia contributions per station may be obtained, by as-
suming the the fuel at each station is a point mass. As such these contributions can be estimated by applying
equations 3.67 to 3.68 and adding the inertia contributions per station to the total fuel inertia tensor.



4
TECHNICAL IMPLEMENTATION OF

METHODOLOGY

In the previous chapter, the methods used to estimate the aircraft (component) weight, stability & control
derivatives as well as the inertia tensor were discussed. In this chapter, it is explained how these methods
were implemented within the Initiator framework. Note that in this chapter the focus is put on the general
work flow within the adjusted modules and that for detailed function descriptions Appendices C to E should
be consulted.

4.1. CLASS II WEIGHT ESTIMATION

Figure 4.1: Flow Diagram for the Class 2 Weight Estimation Module

The flow diagram of the Initiator’s updated Class II weight estimation, which has been implemented in a sin-
gle module, is shown in Figure 4.1. As indicated by the figure, this module requires three main inputs being
the aircraft geometry, the method to be used (Raymer, GD or Torenbeek) and a MTOM estimate. Note that the
depending on where the module is called in the Design Convergence, the MTOM estimate is either obtained
from the Class I weight estimation or a previous Initiator iteration. Now, with these inputs the module will
estimate the weight of all aircraft components with the methodology as described in section 3.2 and as such
a new estimate for the OEM is obtained. The component weight estimation also calculates a first estimate
for the centre of gravity of major components. As indicated by the second line in Figure 4.1, these estimates
are then send to a separate function, which estimates the empty aircraft’s centre of gravity more accurately
by using a lumped-mass method.
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Next, the mission analysis is run, which is responsible for estimating the fuel fraction and drawing the pay-
load range diagram. Note that this mission analysis should not be confused with the separate mission analysis
module, which simulates an entire aircraft mission and is run after a converged Class II weight estimate is ob-
tained. Now, with these results a new MTOM estimate is obtained, which is compared to the initial estimate.
As soon as these estimates converge within a 0.5% error-margin, the results are stored back in the Initiator’s
controller. Recall that as mentioned in chapter 2, the controller is used to store the results of completed mod-
ules and to control the program flow within the Initiator.

Figure 4.2: Flow Diagram for the component weight estimation

Now, in Figure 4.2 the flow diagram of the component weight estimation is shown. As shown in the top of
the figure, the module input consists of the Class I weight estimate, aircraft geometry and the weight estima-
tion method. These inputs are then fed to the functions responsible for estimating the weight of the separate
aircraft components as indicated in the second line of the flow diagram. Note that in the Class II weight esti-
mation module, a loop is made running through the aircraft parts of the input geometry. As such it is assured
that the module will only compute the weight of parts present in the aircraft geometry. Note that although
parts such as winglets and dorsal fins may be present in the aircraft geometry, their weight is not accounted
for in the chosen weight estimation methods and therefore neglected in the Initiator. For future work it is
recommended to increase the Class II weight estimation module’s accuracy by implementing suitable weight
estimations methods for these parts as well.

The results of the component weight estimation functions are first stored in local variables. Next, as shown
on the third line in Figure 4.2, the weight of all parts is added to obtain a OEM estimate as well as an estimate
for the wing group weight. The wing group weight is required for instance in the modules dealing with the
sizing of the horizontal tail and the longitudinal stability. Note that these modules also require an estimate
for the fuselage’s group weight, which is simply obtained by subtracting the wing group weight from the OEM
estimate. Finally, note that to obtain the wing group weight, the module will use the aircraft geometry to check
the location of landing gear and nacelles to determine whether these contribute the wing group weight.

4.2. STABILITY & CONTROL DERIVATIVE ESTIMATION
Figure 4.3, shows the flow diagram of the updated stability and control derivative estimation module. Recall
that in this module the method described by Roskam in [20] is used to estimate the stability & control deriva-
tives relevant to this research. Also, recall that this method is purely empirical and in essence a simplified
version of the DATCOM method as described in [34]. Furthermore, note that this method was mainly chosen
as it provides a quick way to estimate the derivatives: between 4 to 5 seconds in updated module. Now, as
shown on the top line of Figure 4.3, the main inputs for the module are the MTOM (estimated with the Class
II weight estimation module), the aircraft geometry and the top level requirements. Note that the module
directly takes these inputs from the Initiator Controller.
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Figure 4.3: Flow Diagram for the Stability and Control Derivative Estimation Module

Now, the first step in this module, as indicated on the second line of Figure 4.3, is to estimate the atmospheric
properties at the cruise altitude, for which the ISA-function build in the Initiator is used. Next, based on these
conditions and the MTOM, the steady state coefficients are estimated (CL1 & CD1 ). The steady state lift coef-
ficient is estimated first, after which the steady state drag coefficient is directly obtained from the drag polar.
This drag polar is created by a separate Initiator module and uses the drag prediction method as described
by Torenbeek [6]. Next, from the inputs and the estimates for the steady state coefficients, the lift gradients
of all lifting surfaces is calculated. Again, as for the Class II weight estimation module, the module will check
the aircraft geometry and will only calculate the lift gradients of those surfaces present on the aircraft. Finally,
the stability and control derivatives are calculated with the approach described in section 3.3. As can be ob-
served in Figure 4.3, for each motion a different function has been created. Furthermore, observe that the
roll rate derivatives and the pitch rate derivatives depend on the vertical tail’s contribution to the sideforce-
due-to-sideslip derivative (Cyβv

), which is an output of the function used to calculate the angle-of-sideslip
derivatives.

Explaining the detailed workflow of each separate function within the stability and control derivative estima-
tion module is outside the scope of this chapter. For more detailed information on this subject Appendix D
may be consulted. As an example however, it will be explained in the following paragraphs how the angle-of-
attack derivatives (CLα , CDα & Cmα ) are estimated by the Initiator. Now, in the top diagram shown in Figure
4.4 the flow diagram to estimate CLα is shown. On the left hand side of this diagram it is shown that to cal-
culate this derivative, the required inputs are the aircraft geometry & weight, the atmospheric conditions, the
steady state coefficients and the lifting surfaces’ lift gradients. Next, the estimation function will go through
the aircraft parts in the geometry and calculate the correction factors as described in section 3.3 to estimate
the contributions of the wing-fuselage combination, horizontal tail and canard after which these contribu-
tions are added in order to obtain the aircraft’s CLα . Finally, recall that CDα can be directly estimated from
CLα , by using equation 3.42 as shown in section 3.3.
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Finally, in the lower flow diagram of Figure 4.4 it is shown how Cmα is estimated by the updated module. Ob-
serve that the same inputs are required as for the lift-due-to-angle-of-attack derivative. Moreover, to estimate
this derivative, the function will run through the various aircraft parts to estimate their contributions to the
shift in the aircraft’s aerodynamic centre. As shown in the flow diagram their is a maximum of three parts that
may cause a shift in the aircraft’s aerodynamic centre, being the fuselage, the horizontal tail and the canard.
Recall that aerodynamic centre of the wing-fuselage is calculated as a single contribution and that the shift
due to the fuselage is determine with equation 3.45. Next, the aircraft’s centre of gravity is called from the
Initiator controller, which allows to calculate Cmα with equation 3.44.

(a) Flow Diagram to estimate CLα

(b) Flow Diagram to estimate Cmα

Figure 4.4: Flow Diagrams to estimate the angle-of-attack derivatives

4.3. INERTIA ESTIMATION
In Figure 4.5 the flow diagram of the updated Inertia estimation module is shown. As indicated on the top of
this flow diagram, the module requires the following inputs: the aircraft geometry, the aircraft & component
weight and the aircraft & component c.g. positions. Like any other Initiator module, the inertia estimation
module gets these inputs directly from the Initiator controller. From these inputs, the module calls the aircraft
geometry first and checks which parts are present. Based on the encountered parts, it sends the respective
component weight and c.g. position together with the aircraft’s c.g. position of the to separate functions, as
shown in the second line of Figure 4.5.

It is worth mentioning that the specific components contributing to the systems and operational items weight
and thus inertia, depend on the method used for the Class II weight estimation. Therefore, the functions re-
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Figure 4.5: Flow Diagram for the Inertia Estimation Module

sponsible for estimating these inertia contributions have been set-up such that they call the weight estima-
tion method used from the Initiator controller before estimating the inertia contributions. For more detailed
descriptions of other functions Appendix E may be consulted.

Figure 4.6: Flow Diagram to estimate the passenger inertia

Now, as an example of the workflow of the functions used to estimate the various contributions to the inertia
tensor, consider the workflow diagram of the payload inertia function as shown in Figure 4.6. As shown on
the left side of the diagram, this function requires the aircraft geometry and the passenger mass as inputs.
Note that the passenger mass in the Initiator is a setting, which can thus be changed per aircraft upon user’s
request. In this research however, it is assumed that each passenger weighs 80kg in accordance with reference
[17].

Next, the module goes through three loops in order to locate and estimate the contribution of each passen-
ger as that of a single point mass. As shown in Figure 4.6 the module first loops through the cabins, next
through the classes in that cabin and finally trough each passenger in that class. The advantage of this pro-
cedure is that also the inertia contributions of aircraft with multiple cabins can be estimated. It should also
be mentioned here that the Initiator’s cabin uses a local coordinate system and therefore, the cabin position
coordinate is added to each passenger/cargo coordinate, in order to obtain the correct passenger positions.
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Finally note that the contribution of the cargo to the inertia tensor is calculated in a similar way. In this case,
the module loops first through the cargo bays and then through the cargo containers, if containers are used.
When the cargo is stored in containers, the mass is equally divided over these containers. The contribution
of each container is then assumed to be a single point mass with the centre of gravity at the container’s geo-
metric centre. When the cargo is stored as bulk however, it is assumed that the cargo consist of single point
mass per cargo bay, with the centre of gravity at the cargo bay’s geometric centre.



5
VALIDATION OF METHODOLOGY

In this chapter it is explained how the methodology described in the previous chapters was validated. First,
the updates made to the Initiator’s Class I sizing modules are validated in section 5.1, followed by the valida-
tion of the Class II Weight module in section 5.2. Next, in section 5.3 it is described how the estimation of the
stability and control derivatives has been validated. This chapter concludes with describing the validation of
the inertia estimation in section 5.4.

5.1. VALIDATION OF CLASS I WEIGHT ESTIMATION AND SIZING

Figure 5.1: Validation of take-off constraint in Weight and Thrust Loading Diagram

Recall that the WingThrustLoading-module was updated because of its tendency to underestimate the thrust
loading of business jet aircraft. To solve the issue, a new relation (equation 3.2) was derived to estimate busi-
ness jet’s take-off distance constraint more accurately. Now, in Figure 5.1 the new relation is shown with the
black solid line as a function of the normalized weight (see the x-axis). The blue squares indicate the 70 refer-
ence business jet aircraft, for which this new relation was set-up. Furthermore, the 10% and 20% error margin
are indicated by the green and red dotted lines respectively. As shown in this figure, the updated relation still
has a relatively large error margin of around 20%, which is considerably higher than equation 3.1 had for con-
ventional commercial aircraft (around 10%) [23]. If one would use the original constraint relation however,
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the error margin remains the same, but the old relation underestimates the required thrust loading on aver-
age by almost 30%. Therefore it may be concluded that the new relation is a considerable improvement over
the old.

Even though the updated relation improves the estimated thrust loading, still care should be taken due to
the large scatter. A possible explanation for this scatter is the huge variety in requirements imposed on busi-
ness jet aircraft. For instance, the range of the reference aircraft, varies from 1800km to 12964km, whereas
the payload ranges from 3238kg to 227kg and the take-off distance between 492m and 1974m. Therefore it is
anticipated that a further improvement to estimate the take-off thrust loading constraint may be obtained by
deriving different equations for multiple types of business jet categories.

Finally, in Figure 5.2 the original and the updated thrust and wing loading diagrams of the Cessna Citation
II are shown. Again it can be observed that for both diagram’s the the take-off and landing constraints are
active. Furthermore it can be seen that as expected the thrust loading of the aircraft in the updated diagram
is considerably higher (around 0.3) and much closer to that of the reference aircraft indicated with the black
dots.

(a) Original Wing Thrust Loading diagram for the Cessna Citation II

(b) Updated Wing Thrust Loading diagram for the Cessna Citation II

Figure 5.2: Comparison of the original and the updated wing loading diagram for the Cessna Citation II



5.2. VALIDATION OF THE CLASS II WEIGHT ESTIMATION 43

5.2. VALIDATION OF THE CLASS II WEIGHT ESTIMATION
In section 3.2, Torenbeek’s and GD’s preliminary weight estimation methods as described in reference [18]
were explained. Furthermore, in section 4.1, it was explained how these weight estimation methods were
implemented in the Initiator’s Class II weight estimation module. In this section, it will be investigated how
these methods predict the the key masses of several business jets. Recall, that Raymer’s Class II weight esti-
mation method was already implemented in the Initiator and will thus also be included in this comparison.
Furthermore, since the Initiator is a general preliminary design tool, it will also be investigated how these
methods predict the same key masses for two conventional commercial aircraft. The aircraft used in this
comparison are:

• Cessna Citation II
• Bombardier Learjet 45
• Embraer Phenom 300
• Gulfstream G650
• Airbus A320-200
• Fokker 100

In Tables 5.1 to 5.6 an overview is shown how Raymer’s, Torenbeek’s and the GD-method compare when pre-
dicting the MTOM, the fuel mass and the EOM of these reference aircraft. The reference data in these tables
has been taken directly from the Initiator’s aircraft database, which contains data from references [29] and
[30]. Furthermore, the Initiator’s estimates were obtained with a design convergence that is slightly different
then as described in section 2.7. In this design convergence, the Initiator only runs through the Class II and
Mission Analysis loops, thus excluding the Class II.V loop. It was specifically chosen to include the Mission
Analysis in this convergence, because it predicts the fuel mass more accurately than the Class II weight es-
timation module itself. The decision to exclude the Class II.V loop was made in order to purely assess the
validity of the Class II weight estimation methods. Also, note that the fuselage length and diameter highly in-
fluence the OEM estimate and thus it should be aimed at creating a fuselage in the Initiator with a length and
width similar to those of the reference aircraft. Now, in the Initiator the fuselage is sized with the Fuselage-
Configurator-module, which sizes the fuselage around the required cabin space. Therefore the seat spacing,
seat width and aisle width were adjusted for each aircraft separately to obtain accurate weight results.

(a) Cessna Citation II (b) Initiator Cessna Citation II

Figure 5.3: Comparison in geometry of the Cessna Citation II

In Figure 5.3, a comparison is made between the actual Cessna Citation II1 and the geometry created by the
Initiator. Furthermore, in Table 5.1 the weight predicted according to Torenbeek’s, Raymer’s and the GD-
method are shown. Now, in the case of the Citation II, the GD-method predicts the MTOM with the smallest
error. When comparing the predictions for the OEM however, it can be seen that the GD-method actually
predicts the OEM with the largest error. Furthermore, in Table 5.1, it can be seen that predicted fuel mass
with all methods is off by a considerable margin, which explains that although the estimate for the MTOM is
reasonable for a preliminary design method, the OEM is quite far off.

1CC-BY-SA TU Delft
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Table 5.1: Comparison of the weight estimates for the Cessna Citation II

Parameter Cessna Citation II Torenbeek Error [%] Raymer Error [%] GD Error [%]

MTOM [kg ] 6713 7065 5.2 7582 12.9 6523 -2.8
FM [kg ] 2118 1659 -21.7 1912 -9.7 1563 -26.2
Payload [kg ] 522 522 0.0 522 0.0 522 0.0
EOM [kg ] 4073 4884 19.9 5148 26.4 4960 21.8
W/S [N /m2] 2195 2328 6.0 2364 7.7 2336 6.4
T/W [-] 0.3906 0.3501 -10.4 0.3543 -9.3 0.3516 -10.0

Furthermore, in the last two rows of Table 5.1 the wing and thrust loading of the actual aircraft is compared to
those estimated by the Initiator based on the input requirements. First, it can be observed that even though
the requirements for all aircraft are the same, the Initiator will estimate these parameters with a small differ-
ence. This can be explained by the fact that the Initiator runs again through the wing thrust loading estima-
tion module each iteration. Because the aircraft have a different mass and thus a different geometry for each
method, a slightly different wing and thrust loading may be expected. Also, it should be observed that the
predicted wing loading is slightly larger than the reference wing loading. As a consequence, the wing will be
relatively smaller and thus the predicted results are expected to be slightly higher if an identical wing loading
were to be used. Finally, it can also be observed that the thrust loading is still slightly underestimated with
the new thrust loading requirement relation, which is a consequence of the large scatter in the reference data
as shown in Figure 5.1.

(a) Bombardier Learjet 45 (b) Initiator Bombardier Learjet 45

Figure 5.4: Comparison in geometry of the Bombardier Learjet 45

Table 5.2: Comparison of the weight estimates for the Bombardier Learjet 45

Parameter Bombardier Learjet 45 Torenbeek Error [%] Raymer Error [%] GD Error [%]

MTOM [kg ] 9752 8598 -11.8 7676 -21.3 6698 -31.3
FM [kg ] 2495 2259 -9.4 2158 -13.5 1886 -24.4
Payload [kg ] 850 850 0.0 850 0.0 850 0.0
EOM [kg ] 6407 5488 -14.3 4668 -27.1 3962 -38.2
W/S [N /m2] 3305 3220 -2.6 3281 -0.7 3283 -0.7
T/W [-] 0.3389 0.3890 14.8 0.3933 16.1 0.3933 16.1

The same comparison can also be made for the Bombardier Learjet 45 and in Figure 5.4 the actual aircraft2

is compared to the geometry predicted by the Initiator. Also, in Table 5.2 the same comparison as for the
Cessna Citation II is made. Now, in the case of the Learjet 45, it can be seen that the convergence with Toren-
beek’s method produces the most accurate results, both in terms of MTOM as well as for the fuel mass and

2CC-BY-SA O. Milborne
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the EOM. Furthermore it can be seen that the predicted wing loading is quite close to the actual wing loading,
be it slightly underestimated. As a consequence, it may be expected that with the proper wing loading, the
predicted weights will decrease, increasing the error. Finally, it may also be observed that in this case, the
thrust loading is over predicted by a considerable margin of around 15%.

Also, in Figure 5.4 it may be observed that apparently the available fuel volume in the main wing of Learjet
45 is not sufficient to store the required fuel. As a consequence the Initiator will create an additional fuel
tank in the fuselage, directly behind the rear cargo bay and between the nacelles. This additional fuel tank
is indicated by the yellow cylinder in the Initiator geometry. Interestingly enough, this is also the case in the
actual aircraft, where bladder tanks are installed behind the cabin to accommodate for the fuel that does not
fit in the wings [29]. Also, observe that in the Initiator geometry, the fuselage tank is placed behind the rear
cargo bay. In reality the fuselage tank is placed directly behind the cabin, with the rear cargo bay behind it.
The reason for this is twofold. First, by placing the tank closer to the wing, the shift in centre of gravity is
reduced. Secondly, the nacelles do not interfere with the positioning of the rear cargo door. Therefore, for
future work it is recommended to change the design logic in the Initiator.

(a) Embraer Phenom 300 (b) Initiator Embraer Phenom 300

Figure 5.5: Comparison in geometry of the Embraer Phenom 300

Table 5.3: Comparison of the weight estimates for the Embraer Phenom 300

Parameter Embraer Phenom 300 Torenbeek Error [%] Raymer Error [%] GD Error [%]

MTOM [kg ] 8150 8374 2.8 7388 -9.3 6620 -18.8
FM [kg ] 2200 1842 -16.3 1667 -24.2 1515 -31.1
Payload [kg ] 1096 1096 0.0 1096 0.0 1096 0.0
EOM [kg ] 6350 5436 -14.4 4625 -27.2 4009 -36.9
W/S [N /m2] 2805 2884 2.8 2899 3.4 2909 3.7
T/W [-] 0.3740 0.3620 -3.2 0.3633 -2.9 0.3640 -2.7

The same comparison was also made for the Embraer Phenom 300. The actual aircraft3 and the by the Initia-
tor predicted geometry are shown in Figure 5.5. Furthermore, an overview of the different weights predicted
with Torenbeek’s, Raymer’s and the GD-method is shown in Table 5.3. In the case of the Phenom 300, Toren-
beek’s method provides the highest accuracy for predicting the MTOM, followed by Raymer’s method. Again,
just as was the case for the Cessna Citation II, it may be deduced from Table 5.3 that the prediction in the
MTOM is actually slightly compensated by the error in fuel mass, i.e. due to the high lift-to-drag ratio, the
fuel weight is underpredicted, which balances the error in the EOM. Finally, in the last two rows in Table 5.3,
it can be seen that for the Phenom 300, the wing and thrust loading are estimated with a reasonable level of
accuracy (between 3.7% and -3.2% respectively).

The last business jet for which this comparison was made, is the Gulfstream G650. In Figure 5.6 the actual
aircraft 4 is compared with the geometry predicted by the Initiator and in Table 5.4 the weights predicted by

3CC-BY-SA J. Payne
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(a) Gulfstream G650 (b) Initiator Gulfstream G650

Figure 5.6: Comparison in geometry of the Gulfstream G650

Table 5.4: Comparison of the weight estimates for the Gulfstream G650

Parameter Gulfstream G650 Torenbeek Error [%] Raymer Error [%]

MTOM [kg ] 45180 42335 -6.3 25880 -42.7
FM [kg ] 17738 18739 5.6 12033 -32.2
Payload [kg ] 2948 2948 0.0 2948 0.0
EOM [kg ] 24494 20648 -15.7 10899 -55.5
W/S [N /m2] 3718 4095 10.1 4211 13.3
T/W [-] 0.3389 0.2999 -11.5 0.3051 -10.0

the Initiator are compared with the reference data. First, observe that unlike the other business jet aircraft
described in this section, no results were obtained for the GD-method. The reason is that the Initiator was
unable to complete a design convergence, as it encountered an error within the AVLVLM-module. Very likely
this error is caused by the fact that the weight predicted with the GD-method was so low, such that the Initia-
tor was unable to generate proper wing and tail surfaces to feed into the AVLVLM-module, causing the design
convergence to crash.

Next, in Table 5.4 it can be seen that in the case of the G650, Torenbeek’s method is the only approach re-
sulting in a reasonable estimate of the MTOM. The fuel mass is predicted to be around 5% higher than the
actual fuel mass, while the EOM is considerably under predicted. When comparing the wing loading, it can
be observed that the Initiator overestimates the wing-loading, resulting in a smaller wing. As a consequence,
it is anticipated that if the wing loading can be lowered to the actual wing loading a more accurate result in
terms of MTOM and EOM can be obtained for the G650. Finally, it should be noticed that the thrust loading
is underpredicted by around 10%.

(a) Airbus A320-200 (b) Initiator Airbus A320-200

Figure 5.7: Comparison in geometry of the Airbus A320-200
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Table 5.5: Comparison of the weight estimates for the Airbus A320-200

Parameter Airbus A320-200 Torenbeek Error [%] Raymer Error [%] GD Error [%]

MTOM [kg ] 73500 74267 1.0 55283 -24.8 56840 -22.7
FM [kg ] 13000 13171 1.3 9818 -24.5 10050 -22.7
Payload [kg ] 20767 20767 0.0 20767 0.0 20767 0.0
EOM [kg ] 39733 40329 1.5 24698 -37.8 26023 -34.5
W/S [N /m2] 5889 6289 6.8 6291 6.8 6287 6.8
T/W [-] 0.3100 0.3094 -0.2 0.3094 -0.2 0.3093 -0.2

Since the Initiator is a general preliminary design tool, it makes sense to also validate the changes made to
the Class 2 Weight Estimation for a set of conventional aircraft. The first aircraft for which this has been done
is the Airbus A320-200 and a comparison between the A320-2005 and it’s Initiator counterpart is shown in
Figure 5.7. Furthermore, the comparison in predicted weights per approach is shown in Table 5.5. Also for
this aircraft it can be observed that the results obtained with Torenbeek’s method are the most accurate and
that the error margin’s on the results obtained with the other two approaches is very high (up to almost 40%
in the EOM. Also, from Table 5.5 it can be deduced that the error in MTOM, is very likely caused by a too high
wing loading, resulting in an under prediction of the wing weight. Finally, the thrust loading is predicted with
a very high accuracy over all the methods.

(a) Fokker 100 (b) Initiator Fokker 100

Figure 5.8: Comparison in geometry of the Fokker 100

Table 5.6: Comparison of the weight estimates for the Fokker 100

Parameter Fokker 100 Torenbeek Error [%] Raymer Error [%] GD Error [%]

MTOM [kg ] 44450 45434 2.2 34000 -23.5 33006 -25.7
FM [kg ] 7710 7282 -5.5 6003 -22.1 5819 -24.5
Payload [kg ] 11240 11240 0.0 11240 0.0 11240 0.0
EOM [kg ] 25500 26912 5.5 16757 -34.3 15947 -37.5
W/S [N /m2] 4664 4116 -11.7 4179 -10.4 4178 -10.4
T/W [-] 0.2800 0.2714 -3.1 0.2755 -1.6 0.2758 -1.5

The last aircraft for which the weight estimates over the various methods has been compared is the Fokker
1006, as shown in Figure 5.8, together with the geometry estimated by the Initiator. Also in the case of this
aircraft, it was observed that Torenbeek’s method provides the most accurate results as is shown in Table 5.6.
It should be noted here that the wing loading is underpredicted by 10%, which is anticipated to decrease the
accuracy of the presented results if brought closer to the reference aircraft.

5CC-BY-SA S. Mortier
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Now, from this discussion it can be concluded that overall Torenbeek’s method delivers the most consistent
results. Furthermore, it was also observed that this method has the tendency to slightly overestimate the
MTOM and EOM of commercial aircraft and to underestimate these weights for business jet aircraft. That
being said the margin of error is around 5% which is what may be expected from a general preliminary design
tool. Furthermore, these results should be reviewed with care, because the Initiator produces the design of
an aircraft based on the requirements of reference aircraft and will thus always be slightly different.

Furthermore, it was observed that the GD-method and Raymer’s methods consistently under predict the
MTOM by a considerable margin. Now, with the exception of the estimation of the APU weight nothing was
changed in Raymer’s method except for the implementation of the iteration loop. This loop is not mentionned
by Raymer in reference [8], hence it is possible that by implementing this loop, the methodology is unable to
predict the MTOM with the desired level of accuracy. Another possible explanation, is of course that there
are still some bugs left within the code, causing both the GD-method and Raymer’s method to consistently
underpredict the MTOM and EOM. Finally, because of these results, it was decided that all further predictions
made with respect to changes in aircraft and component weight shall be estimated with Torenbeek’s method
in the Initiator design convergence.

5.3. VALIDATION OF THE STABILITY AND CONTROL DERIVATIVE ESTIMATION
To validate the stability and control derivative estimation module, the module was made stand-alone from
the Initiator and separate input files were created for the Learjet 24 and the Boeing 747-100 at various con-
ditions as shown in Table 5.7 and 5.8. Thess files define the main geometrical parameters as well as the
conditions at which the derivatives are to be calculated. The input files are written in MS Excel format and
each consists of five tabs. The first tab contains geometrical data of the lifting surfaces (wing, horizontal tail,
vertical tail, canard). In the second tab the overall geometrical aircraft- and fuselage data are stored, while
the third tab contains the geometrical data of all control surfaces (ailerons, flaps, elevators, rudders, ). The
fourth tab contains data corresponding to atmospheric conditions at which the derivatives are determined,
e.g.: steady-state angle of attack/sideslip, altitude, Mach Number, Reynolds number, etc. Finally in the last
tab the fuselage is divided into 13 stations, as shown by Figure 5.9.

Figure 5.9: Definition of Fuselage Stations [20]



5.3. VALIDATION OF THE STABILITY AND CONTROL DERIVATIVE ESTIMATION 49

The conditions at which the derivatives were estimated are summarized in Table 5.7 for the Learjet 24 and
in Table 5.8 for the Boeing 747-100. As can be seen in these tables, the Learjet 24’s derivatives were calcu-
lated in three conditions. First, during a cruise flight at FL400 at MTOM and secondly during a cruise flight at
identical conditions with the exception of a lower mass. Finally, also the derivatives of the Learjet 24 during
an approach at MTOM were estimated. In the case of the Boeing 747-100, also 3 conditions were evaluated.
Again first the derivatives were estimated for a cruise flight at maximum cruise speed at FL400 and MTOM
and secondly for cruise flight at the same weight, but at FL200. Finally, also the 747-100’s derivatives during
approach at MLM were estimated. The reference data used for the validation of these derivatives was re-
trieved from Chapter 11 in reference [20].

Table 5.7: Conditions used for validating stability and control derivatives (Learjet 24)

Learjet 24 Cruise (High Mass) Cruise (Low Mass) Approach

Altitude [-] FL400 FL400 Sealevel
Mach Number [-] 0.7 0.7 0.15
Reynolds Number [-] 1.07·107 1.07·107 8.29·106

Flap Deflection [deg] 0 0 40
Center of gravity (x̄cg ) 0.32 0.32 0.32
Mass [kg] 5,897 9,000 5,897
Initial Attitude (α) [deg] 2.7 1.5 1.8
CL1 [-] 0.41 0.28 1.64

Table 5.8: Conditions used for validating stability and control derivatives (Boeing 747-100)

Boeing 747-100 Cruise (High Altitude) Cruise (Low Altitude) Approach

Altitude [-] FL400 FL200 Sealevel
Mach Number [-] 0.9 0.65 0.2
Reynolds Number [-] 5.48·107 8.18·107 1.39·106

Flap Deflection [deg] 0 0 30
Center of gravity (x̄cg ) 0.25 0.25 0.25
Mass [kg] 288,773 288,773 255,826
Initial Attitude (α) [deg] 2.4 2.5 8.4
CL1 [-] 0.52 0.4 1.676

The most relevant stability and control derivatives calculated for the Learjet 24 are compared with the ref-
erence data in Table 5.9. The derivatives shown here, either directly influence the longitudinal aircraft be-
haviour or are directly dependent on contributions from the horizontal tail. As can be seen in this table,
the angle of attack derivatives are generally estimated with a high accuracy. The drag-due-to-angle-of attack
derivative is spot on, whereas the lift-due-to-angle-of-attack derivative is slightly overestimated. The pitch-
ing moment derivative with angle of attack is slightly underestimated in the cruise conditions, but the error
becomes larger in approach conditions with a flap deflection of 40 degrees. The only derivative with respect
to angle of sideslip affected by the horizontal tail is the lift-due-to-sideslip derivative and as can be seen, over-
all this derivative is predicted rather well in the case of the Learjet 24. Next, when considering the pitch rate
derivatives, it may be observed that although the module predicts the moment-due-to-pitch-rate derivative
rather well, it has the tendency to overestimate the lift-due-to-pitch-rate derivative by almost a factor of two.
Furthermore, it may also be deduced from this table that the elevator control derivatives are estimated rather
well, with a general tendency to overestimate. Finally, observe that although the reference assumes the drag
from the elevator to be zero. From these results however it may be deduced that although small, there is def-
initely an effect.

The same comparison was also made for the Boeing 747-100 and the results are summarized in Table 5.10.
As for the Learjet 24, the methodology predicts the angle of attack derivatives reasonably well. Again it may
be observed that the module has the tendency to slightly overestimate the longitudinal stability (Cmα ). The
lift-due-to-sideslip is predicted reasonably well in cruise conditions, however as can be seen in this table the
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Table 5.9: Validation of the Learjet 24’s most important derivatives

High Mass Low Mass Approach
Derivative Reference Calculated Reference Calculated Reference Calculated

CDα 0.3 0.31 0.22 0.22 1.06 1.06
CLα 5.84 6.08 5.84 6.08 5.04 5.05
Cmα -0.64 -0.43 -0.64 -0.43 -0.66 -0.33
Clβ -0.11 -0.17 -0.10 -0.10 -0.17 -0.16
CDq 0 0 0 0 0 0
CLq 4.70 8.79 4.70 8.79 4.10 7.06
Cmq -15.50 -16.39 -15.50 -16.39 -13.5 -13.39
CDδe 0 0.06 0 0.04 0 0.230
CLδe 0.46 0.57 0.46 0.57 0.40 0.57
Cmδe -1.24 -1.41 -1.24 -1.41 -0.98 -1.41

prediction in approach conditions is very far off. Now, during the approach, the aircraft’s lift coefficient is
rather high and this is believed to results in the module’s tendency to overestimate the wing-fuselage con-
tribution to lift-due-to-sideslip derivative. Moving on in Table 5.10, it may be observed that the module has
the tendency the same tendency as for the Learjet 24 to overestimate the lift-due-to-pitch-rate derivatives
and to quite accurately predict the moment-due-to-pitch-rate is reasonably well predicted. The trends found
for the Learjet 24’s elevator control derivatives can also be observed for the Boeing 747-100. It can be seen
that a small drag-due-elevator deflection is obtained, which is too high in case of the approach. The lift- and
moment-due-to-elevator-deflection are again slightly overestimated.

Table 5.10: Validation of the Boeing 747-100’s most important derivatives

FL400 FL200 Approach
Derivative Reference Calculated Reference Calculated Reference Calculated

CDα 0.5 0.29 0.2 0.19 1.13 1.08
CLα 5.5 5.79 4.4 5.01 5.67 4.51
Cmα -1.6 -1.9 -1 -1.65 -1.45 -1.46
Clβ -0.095 -0.14 -0.16 -0.10 -0.28 -1.19
CDq 0 0 0 0 0 0
CLq 7.8 10.20 6.6 8.79 5.65 7.06
Cmq -25.5 -26.01 -20.5 -22.64 -21.4 -20.64
CDδe 0 0.07 0 0.05 0 0.89
CLδe 0.3 0.44 0.32 0.44 0.40 0.43
Cmδe -1.2 -1.44 -1.3 -1.44 -1.4 -1.44

From the foregoing discussion it may be concluded that for the majority of the stability and control deriva-
tives impacting the aircraft’s longitudinal behaviour, the separated stability and control estimation module
does a reasonable well job at predicting these. There are however some sources of error that require some
further explanation. First, it should be noted that the approach used, has been developed for a large set of
aircraft types, ranging from general aviation aircraft such as the Cessna 172 to large commercial aircraft such
as the Boeing 747. In reference [20] it is even suggested that the stability and control derivatives of fighter air-
craft, such as the MCDonnell Douglas Phantom F4 could be calculated with this approach. As a consequence
the methodology contains a large number of empirical factors that will cause derivatives to deviate from the
given data for a specific aircraft.

Furthermore the results calculated for the aircraft in approach configuration should be reviewed with care,
because within the module only the effects of plain flaps has been implemented. Reference [20] does include
how other flap types are to be implemented, however it was chosen to leave this to future development as
most reference business jet aircraft make use of plain flaps. In the case of the Boeing 747 however, this is
horribly wrong assumption, as this aircraft has triple slotted fowler flaps. Finally, observe in Tables 5.7 and
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5.8, only the centre of gravity’s x-position is given, which is generally speaking sufficient to accurately estimate
the longitudinal stability and control derivatives. However, to estimate the lateral/directional derivatives it is
important to also have an accurate estimate for the c.g.’s y- and z-coordinate. The lack thereof in the separated
module has been observed to cause relatively large errors with respect to these derivatives.

5.4. VALIDATION OF THE INERTIA ESTIMATION
To validate the approach used to estimate the inertia tensor, the results obtained with the Initiator were com-
pared to reference data for the Fokker 100 from reference [42]. This reference provides Inertia data for the
aircraft in a fully equipped, empty condition (EOW). Furthermore the relations are given to estimate the
changes to the aircraft centre of gravity and the Inertia tensor, due to loading the aircraft with passengers
and fuel. A simple Matlab tool called Fokker Inertia was written, in which these relations were implemented
and this tool is described in more detail in Appendix F. Note that reference [42] also provides the relations for
the effect of fuel slushing, but these have not been implemented in the the tool as these effects are also not
included in the Initiator.

Figure 5.10: Inertia tensors calculated for the Fokker 100 (left) the Initiator Fokker 100 (right)

Now, in Figure 5.10 two sets of inertia tensors are shown. The left bars represent the reference Inertia tensors
for a fully loaded Fokker 100, while the right bars represent those obtained for a fully loaded Fokker 100-like
aircraft created by the Initiator. In Table 5.11 a comparison is made between the main geometrical and mass
parameters of the Fokker 100 and the Initiator Fokker 100. As can be seen from this table the majority of these
parameters are quite close, with a maximum error around 10% as can be expected from any preliminary siz-
ing tool. Hence, from this data a valid comparison of the Inertia tensors of both aircraft can be made.

When comparing the Inertia tensors in Figure 5.10, it can be observed that the Initiator does a reasonable job
at predicting the total Inertia tensors of the aircraft, with a slight tendency to under predict the symmetrical
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Table 5.11: Comparison of the Fokker 100 and the Initiator-Fokker 100 most relevant parameters

Parameter Fokker 100 Initiator-Fokker 100

MTOM [kg ] 43090 44942
EOM [kg ] 24375 26536
PLM [kg ] 11242 11108
FM [kg ] 8332 7299
Fuselage Length [m] 32.5 30.6
Fuselage Height[m] 3.3 3.71
Fuselage Width [m] 3.3 3.68
Wing Area [m2] 93.5 106.9
Wing Span [m] 28.8 30
Wing Sweep [deg ] 17.45 17.43
Wing MAC [m] 3.8 4.1
Horizontal Tail Area [m2] 21.72 24.1
Horizontal Tail Span [m] 10.0 11.0
Horizontal Tail Sweep [deg ] 26.0 26.2
Horizontal Tail MAC [m] 0.39 0.35
Vertical Tail Area [m2] 12.3 17.2
Vertical Tail Height [m] 3.3 4.1
Vertical Tail Sweep [deg ] 41.0 41.3
Ixx [kg ·m2] 5.12 ·105 5.81 ·105

Iyy [kg ·m2] 1.97 ·106 1.68 ·106

Izz [kg ·m2] 2.38 ·106 2.14 ·106

Ixz [kg ·m2] −7.54 ·103 1.35 ·105

Ixy [kg ·m2] 6 ·101 8.6 ·104

Iyz [kg ·m2] 7.64 ·104 −5.21 ·103

tensors (Ixx , Iy y , Izz ). Also, it can be seen that the Initiator’s inertia estimation module mainly has the ten-
dency to under predict the empty aircraft’s contributions. Furthermore, based on the fact that the Initiator-
Fokker 100 is slightly larger than the actual Fokker 100, one would actually expect an over prediction of the
Inertia tensor. Additionally, it may be observed that the contributions of the cargo seem to be over predicted
and thus have a correcting effect on the overall results. Finally, it can also be observed that the contributions
to the Inertia tensor caused by passengers and fuel are fairly similar for the Fokker 100 and the Fokker 100 like
aircraft.

The aforementioned errors can be attributed to a variety of sources, but differences between the centre of
gravity of the actual and the initiator aircraft are believed to be the major source of error. Now, it can be ob-
served in Figure 5.10, that the Ixx component tensor is the symmetrical inertia component tensor predicted
with the highest level of accuracy. This is expected, since the Ixx tensor (as shown by equation 3.67) only
depends on the mass and distances between the y and z component of the aircraft’s and it component’s cen-
tres of gravity, which are fairly easy to predict. Furthermore it can be observed that the new module has the
tendency to slightly over-estimate the fuel’s contribution to the Ixx tensor. This can be explained by the fact
that in the getFuelInertia-function, fuel is spread over the entire wing based on the theoretically available fuel
volume between the spars and from root to tip. In reality however, the fuel tanks do not extend fully to the
wing tip. As a consequence, the getFuelInertia-function stores more fuel mass further away from the centre
of gravity, resulting in a over-prediction of the fuel’s Ixx contribution.

Finally, it should be stressed that finding reference data that provides accurate estimates for the Inertia tensor,
including the effect of loading the aircraft, is quite difficult. Therefore in this research, the InertiaEstimation-
module is only validated for one aircraft, which is rather limited. Therefore, it is highly recommended for
future work, to validate the module for more aircraft if accurate data can be found.
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5.5. CONCLUSIONS
In this chapter, the updates made to the Initiator were validated. First, it was shown that the new derived
relation for the take-off thrust loading constraint(equation 3.28) provided a much more accurate estimate al-
beit with a error margin around 20%. Furthermore it was shown by comparing the weight estimates obtained
for several business jet and conventional aircraft with the Raymer’s, Torenbeek’s and GD’s Class II weight es-
timation methods, that Torenbeek’s method provided the most reliable result for both types of aircraft. As a
consequence, the results that will be discussed in chapter 6 will obtained with Torenbeek’s method. Next, it
was shown by separating the stability & control derivative estimation module from the Initiator and by com-
paring the estimates with reference data for the Boeing 747 and the Learjet 24, that the module is capable of
predicting the longitudinal stability & control derivatives with a level of accuracy as may be expected from a
preliminary design tool. Finally, also the updated inertia estimation module was validated by comparing the
estimated tensor with data for the Fokker 100 and it was shown that the updated module has the tendency
to slightly underestimate the inertia tensor. Now, from the foregoing discussion it may be concluded that the
Initiator at this point may be used to investigate the effects of relaxed static stability on a business jet in the
preliminary design phase.





6
RESULTS & DISCUSSION

In this chapter the effects of relaxed static stability on the preliminary design of business jet aircraft are dis-
cussed. First in section 6.1 the baseline aircraft used to determine these effects is introduced. Next, the pro-
cedure used to decrease the static margin is explained in section 6.2. Finally, in section 6.3 it is discussed how
changing the static margin affects the overall aircraft design in terms of weight, inertia tensor and stability
and control derivatives.

6.1. BASELINE AIRCRAFT

Figure 6.1: The Initiator-Citation

To assess the effects of relaxed static stability on the aircraft design, as well as on the handling qualities a ref-
erence business jet aircraft was created with the Initiator, based on the requirements of the Cessna Citation II.
To create this baseline business jet aircraft, the Initiator’s design convergence as explained in section 2.7 was
slightly updated. In this updated design convergence the fuselage weight estimation module, which updates
the fuselage weight in the Class 2.5 loop, is not used. Reason for excluding this module is that it overestimated
the fuselage weight of business jets by a considerable margin. Moreover, this module estimated that the win-
dows and doors are by far the largest contribution to the fuselage weight, each accounting for approximately
one third of the total fuselage weight. Also, note that in this convergence, the convergence tolerance was set
to 0.1% on the Class 2 Weight Estimation loop and a to 0.5% for the Mission Analysis and the Class 2.5 loops.
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Now, in Figure 6.1 the geometry of the aircraft created by the Initiator with the Cessna Citation II’s require-
ments is shown. To keep the difference with the actual Cessna Citation II clear, the aircraft created by the
Initiator with the Cessna Citation’s requirements will be referred to as the Initiator-Citation from this point
on. Also, in Table 6.1 a comparison is made between the actual Citation II and the Initiator-Citation’s most
relevant parameters. The reference data in this table for the actual aircraft has been obtained from reference
[30]. As can be observed from this table, the Initiator estimates the MTOM of the Initiator-Citation slightly
higher than that of the actual aircraft. This can partially be attributed to the fact that the input payload is
about 5% larger, causing the Initiator to overestimate the empty and fuel mass ass well. Furthermore, in Ta-
ble 6.1 it is shown that the fuselage of the Initiator Citation is slightly longer than the Citation II’s fuselage.
Furthermore, it may be observed that fuselage diameter is also slightly larger. This is caused by the fact the
Initiator-Citation’s fuselage is estimated with an inside-out approach, based on requirements for seat width,
pitch and aisle width. Also, the data obtained from reference [30] actually shows the cabin width and height
and thus a small margin should be added to obtain the fuselage’s width and height.

Table 6.1: Comparison of the Citation and the Initiator-Citation’s most relevant parameters

Parameter Citiation II Initiator-Citation

MTOM [kg ] 6713 7470
ZFM [kg ] 5125 5652
Payload Mass [kg ] 1133 1200
Fuselage Length [m] 13.39 13.11
Fuselage Height[m] 1.47 1.54
Fuselage Width [m] 1.47 1.54
Wing Area [m2] 30 33.27
Wing Span [m] 15.75 16.74
Wing Sweep (1/4 Chord) [deg ] 0 0.9
Horizontal Tail Area [m2] 6.48 7.10
Horizontal Tail Span [m] 5.79 5.96
Horizontal Tail Sweep (1/4 Chord) [deg ] 0 0
Vertical Tail Area [m2] 4.73 5.45
Vertical Tail Span [m] 2.64 2.95
Vertical Tail Sweep (1/4 Chord) [deg ] 33 17.7

In Table 6.1 the most relevant properties of the Initiator-Citation’s lifting surfaces are shown as well. As indi-
cated in this table, the wing area is about 3 m2 larger than the actual aircraft’s wing area. This is caused by the
fact that both aircraft have an identical wing loading, but since the MTOM of the Initiator-Citation is larger,
it’s wing is also slightly larger than the actual wing. Furthermore, it can be seen that also the area of the hor-
izontal and vertical tail are larger compared to those the Citation II. Now, these surfaces were sized based on
the volume coefficient of the Citation II, which can be obtained from tables 8.5a and 8.5b in [19]. Moreover,
from the data presented in in Table 6.1 it can also be deduced that the ratio of the horizontal tail area over the
wing area (Sh/S) is 0.216 for the actual Cessna Citation II, whereas that of the Initiator-Citation is 0.213. The
same observation can be made for the vertical tail, with Sv /S equal to 0.158 for the Citation II and 0.163 for
the Initiator-Citation. These ratios confirm the proper implementation of the tail volume coefficients along
with the correct positioning of wing and tail surfaces.

In Figure 6.2 the most relevant changing parameters during the design convergence of the Initiator-Citation
is shown. The top left plot in this figure shows how the error in MTOM converges over each iteration. In this
particular case, the error between the Class I and Class II weight estimates requires five iterations to con-
verge. This can also be seen in the top right figure, showing that both methods converge after five iterations
at a MTOM of approximately 7 tonnes. Next, the mission analysis module is run for the first time, which sim-
ulates an entire aircraft mission from take-off to landing (including a divergence) and provides the Initiator
with a new fuel fraction. The new fuel fraction is slightly higher than the one calculated with the Class II
weight estimation. This can also be observed in the bottom left figure, where it is shown that the fuel fraction
increases from around 0.22 to 0.24. Next on the top left plot it is shown that the Initiator needs another two
runs of the Class II weight estimation in order to arrive at a new converged MTOM with the updated fuel



6.2. PROCEDURE FOR RELAXED STATIC STABILITY 57

Figure 6.2: Overview of the design convergence for the Citation-Initiator

fraction. With the new converged MTOM, the mission analysis is run again to obtain a new estimate for the
fuel fraction and this loop continues until the MTOM estimate converges at a MTOM around 7.5 tonnes. Fi-
nally, in the top right figure it is shown how the maximum lift-over-drag ratio and specific fuel consumption
change per iteration of the design convergence. Observe that although the specific fuel consumption remains
nearly constant, the maximum lift-over-drag ratio shows relatively large fluctuations throughout the design
convergence. Up to this point no plausible explanation for these fluctuations has found and therefore it is
recommended to further investigate this issue in future research with the Initiator.

6.2. PROCEDURE FOR RELAXED STATIC STABILITY
The approach used to obtain relaxed static stability in this research is to bring the aerodynamic centre closer
to the centre of gravity by shifting the wing forwards by a percentage of the mean aerodynamic chord (see
equation 6.1) as shown in Figure 6.3. Note that by moving the wing forward, the aircraft’s centre of gravity
moves forward as well, be it at a slower rate than the aerodynamic centre. As a consequence the static margin
decreases. The wing shift however, should not be confused with the change static margin. Next, the horizontal
and vertical tail are both sized with the volume coefficient of the Cessna Citation II as obtained from tables
8.5a and 8.5b in reference [19]. It is assumed that with this approach, the horizontal tail meets the stability
and control requirements, such as control during take-off and landing. However, the horizontal stability
estimation module as described in [11] would need be updated such that this assumption can be verified.

Shi f t = ∆x

M AC
(6.1)

Furthermore, note that in order to obtain a fair comparison with respect to the effects of relaxed static stabil-
ity, it was decided to keep the wing loading of the Initiator-Citation fixed throughout the Business Jet Conver-
gence and equal to the wing loading of the original Citation II (W /S = 2202.5 N /m2). The rationale behind
this choice is that in the Initiator Design Convergence and thus also in the Business Jet Design Convergence,
the thrust-wing-loading-diagram is updated each iteration. As a consequence, the chosen design point is
also slightly different in each iteration, which affects the wing size and thus the weight estimate. Therefore it
was decided to fix the wing and thrust loading and it was confirmed that the chosen design point lied in the
available design space, be it not in the most optimal position.
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Figure 6.3: Definition of the wing shift

Moreover, it should be mentioned that there are a couple of different approaches to investigate relaxed static
stability, which were discarded on purpose in this research. A first possibility would have been to use the
HorizontalStabilityEstimation-module as described in reference [11], which sizes the horizontal tail based on
Torenbeek’s x-plot approach, which was shortly described in section 2.5. The module has indeed been used
in this research, but while doing so, it was observed that it was not suited to achieve the research goals as
formulated in section 2.8, for a couple of reasons of which the most important ones will be discussed here.

First of all, the HorizontalStabilityEstimation-module has the tendency to over-estimate the stabilizing effect
of the engines during take-off. As a consequence the take-off control constraint shifts to the right in the x-plot
diagram and becomes the active constraint by a considerable margin. A similar right shift was also observed
for the stability requirements and as a consequence, the Initiator will shift the wing forward. As a conse-
quence it was found that some aircraft were designed with a Sh/S of 0.3 or higher and with a centre of gravity
shift ranging between 60 and 80% on the mean aerodynamic chord. For these reasons it was concluded that
at this point the HorizontalStabilityEstimation-module is not suited for investigating relaxed static stability
and therefore a different approach was chosen.

Finally, relaxed static stability could also have been achieved by keeping the wing position constant. In that
case a frequently used approach is to shift the centre of gravity with one or more trim tanks [11]. Currently
however, the Initiator is limited to one tank per part and therefore this type of relaxed static stability is not
considered.

6.3. EFFECTS OF RELAXED STATIC STABILITY
A first anticipated effect of relaxed static stability is a decrease in horizontal and vertical tail area as their tail
arm increases. In Figure 6.4, the change in area for the wing, horizontal and vertical tail area as a function of
wing shift is shown. Observe that because the aircraft’s MTOM reduces while the wing loading is maintained
constant (see Figure 6.5), the wing area decreases as well. Consequently the horizontal and vertical tail area
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Figure 6.4: Change in wing, horizontal and vertical tail area as function of wing shift

decrease is due to the combination of increase in tail arm and decrease in wing area. Furthermore, it can
be observed in this figure that a maximum wing area decrease of around 5% with respect to the baseline is
obtained at a wing shift of 20%. Finally, a horizontal and vertical tail reduction of respectively 14% and 16%
may be anticipated for a wing shift of 25%.

Figure 6.5: Change in MTOM, EOM and fuel mass as function of wing shift

A second anticipated effect of relaxed static stability is an overall reduction in the aircraft’s MTOM, which
has two primary causes. First there is the effect of reducing the horizontal and vertical tail size snowballing
through the design. This means that since the components become smaller, the overall aircraft becomes
lighter which allows for a smaller and thus lighter wing. Furthermore since the aircraft becomes lighter, the
fuel required to fly the same mission reduces as well. As a consequence the anticipated weight loss is larger
than simply the sum of the weight gains for the horizontal and vertical tail. Secondly, by reducing the static
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margin, the stabilizer will produce less trim drag and thus an increase in lift-over-drag ratio may be expected.
As a consequence, it is expected that a further reduction in fuel mass may be achieved, which will again have
a snowball effect on the entire aircraft.

Now, in Figure 6.5 the effect of the wing shift on the maximum take-off mass, empty operative mass and fuel
mass is shown for the Initiator-Citation. As can be observed in this figure, the general trend follows the expec-
tations formulated in the previous paragraph. Also observe that the largest gain in terms of MTOM reduction
actually is obtained by the decrease in fuel mass, rather than the decrease in EOM. Furthermore it may be
observed that instead of steadily decreasing, the fuel mass decreases but at a fluctuating rate. This is believed
to be caused by the fluctuation of the maximum lift-over-drag ratio during the Initiator’s Design Convergence
as was shown in the bottom left plot in Figure 6.2. Now, from Figure 6.5 it may be deduced that in case of
the Citation-Initiator a maximum reduction around 5% in MTOM is achieved at 20% wing shift. For the same
wing shift, the corresponding decrease in EOM of 3% may be achieved whereas a maximum reduction of 14%
in fuel mass may be anticipated. As stated before the reduction in fuel mass is partially due to the reduction
in aircraft mass, but also due to decrease in drag. This is can also be seen in Figure 6.6, which shows the
change of the lift-over-drag ratio as function of the wing shift. Observe that at around 20% wing shift a kink in
the curve appears. It will later be shown that this point also coincided with the change of sign in the aircraft’s
longitudinal stability.

Figure 6.6: Change in lift-over-drag ratio as function of wing shift

Next, in Figure 6.7, the same comparison as in Figure 6.5 is made, however now the change in the mass of key
components such as the wing, fuselage, horizontal and vertical tail is shown. As can be observed in this figure,
the overall trend is a decrease in component mass, with the fuselage being a notable exception. The increase
in fuselage mass can be explained when considering equation 3.12, which shows that in Torenbeek’s method,
the fuselage mass is amongst other variables also dependent on the tail arm. From a structural perspective
this makes sense, because by increasing the tail arm, the moment caused by the horizontal and vertical tail
on the fuselage increases as well. As a consequence, the fuselage needs to be reinforced to maintain the same
structural stiffness and strength, thus becoming heavier. It is expected that if relaxed static stability were
achieved by for instance by making use of a trim tank, the fuselage mass may be decreased as well.

Now, since it was observed that the largest gain with respect to MTOM and fuel mass was achieved at a wing
shift of 20%, a top view of both aircraft has been plotted next to each-other in Figure 6.8. The most obvious
change that may be observed in this figure is the forward shift in wing position. Furthermore, it can also be
seen that the horizontal tail area and wing area have decreased albeit slightly harder to observe than the wing
shift.
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Figure 6.7: Change in MTOM, EOM and fuel mass as function of wing shift

(a) Reference Initiator-Citation (b) RSS Initiator-Citation

Figure 6.8: Comparison in geometry of Cessna Citation II with or without RSS

In Table 6.2, the change in angle of attack derivatives as a function of the wing shift is shown. Now, a first ob-
servation is that the drag-due-to-angle-of-attack derivative remains constant and that the lift-due-to-angle-
of-attack decreases very slightly. Furthermore as expected, by shifting the wing and reducing the static mar-
gin, the longitudinal stability decreases considerably as may be observed in the last column in Table 6.2.
Additionally, it can be observed that the aircraft becomes longitudinal unstable at wing shift slightly larger
than 20%, which is also the point where the largest reduction in MTOM was achieved.

As can be observed in Table 6.3, the pitch rate derivatives have a tendency to decrease or even become more
negative. Now in the case of the lift-due-to-pitch-rate derivative this may be explained by the fact the wing’s
contribution becomes smaller, which is a direct consequence of decreasing the static margin. Due to the
fact that the tail volume is maintained constant in this comparison, the horizontal tail’s contribution to this
derivative remains nearly constant as well, note that there is a small change in CLαh

due to the reduction in
tail size. In the case of the moment-due-to-pitch-rate derivative, the decrease is mainly caused by a larger
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Table 6.2: Change in angle of attack derivatives versus wing shift

Derivative 0 5 10 15 20 25

CDα 0.195 0.195 0.195 0.194 0.195 0.195
CLα 6.104 6.102 6.100 6.099 6.095 6.093
Cmα -0.518 -0.434 -0.313 -0.129 -0.036 0.121

Table 6.3: Change in pitch rate derivatives versus wing shift

Derivative 0 5 10 15 20 25

Clq 7.697 7.424 7.057 6.536 6.236 5.784
Cmq -8.941 -9.441 -9.663 -9.473 -9.932 -9.998

negative horizontal tail contribution, which can be explained by the fact that the tail arm becomes larger.
The change in the wing’s contribution to this derivative is minimal.

Table 6.4: Change in elevator control derivatives versus wing shift

Derivative 0 5 10 15 20 25

CDe 0.021 0.021 0.020 0.020 0.020 0.0.19
CLe 0.672 0.652 0.639 0.634 0.616 0.608
Cme -1.362 -1.388 -1.393 -1.379 -1.395 -1.390

In Table 6.4 the change in elevator control derivatives as a function of the wing shift is shown. Before dis-
cussing this result, it should be mentioned that in the Initiator the control surfaces are sized based on frac-
tions of the wing and horizontal tail. For instance, in the case of the Initiator-Citation, the elevator is assumed
to run over the entire horizontal tail’s span and to have a chord of 0.3 times the horizontal tail’s chord. Now,
from Table 6.4 it can first of all be observed that although very small, the drag-due-to-elevator is not equal to
zero, as is often assumed [20]. Furthermore it can also be seen that this derivative decreases with increasing
wing shift, which is expected as the elevator decreases due to the decreasing horizontal tail area as shown in
Figure 6.4. A similar observation can be made for the lift-due-elevator control derivative. Finally, the elevator
control power actually increases for an increasing wing shift, which is believed to be caused by the fact that
the increase in moment arm overcompensates for the decrease in elevator power due to the reduction in ele-
vator size. To conclude this section, similar observations may also be made for the rudder control derivatives
and the aileron control derivatives. Note that aileron control power will actually decrease, which caused by a
decrease in wing span and a decrease in aileron size.

Finally, in Figure 6.9 the inertia tensor of the reference Initiator-Citation is compared to the inertia tensor
obtained for Initiator-Citation with a 20% wing shift. First, it may be observed that analogue to the Fokker
100 as discussed in section 5.4, the most relevant inertia contributions are those around the symmetrical axes.
Furthermore, it may be observed that the fuel contribution to the Initiator-Citation’s inertia tensor is relatively
large. This makes sense because the fuel mass contributes more than 25% percent to the aircraft’s MTOM
when its is fully loaded. Moreover, since the fuel is stored in the wing it makes sense that fuel’s contribution
around the aircraft’s body x and z-axis is relatively large, which may also be observed in Figure 6.9. Also,
notice that the fuel contribution to the moment of inertia around the y-axis is minimal. This is caused by the
fact that the fuel tank is very closely located to the y-coordinate of the aircraft’s centre of gravity. Now, when
comparing the inertia tensor of the original to that of the RSS aircraft, the expected decrease can be observed.
From this figure it may be deduced that a maximal decrease around 15%, 11% and 13% may be obtained for
respectively the Ixx , Iy y and the Izz components of the Inertia tensor.
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(a) Reference Initiator-Citation’s Inertia Tensor

(b) RSS Initiator-Citation’s Inertia Tensor

Figure 6.9: Comparison of the Inertia Tensors





7
CONCLUSIONS & RECOMMENDATIONS

In this final chapter, the major conclusions drawn and recommendations to be made from this research are
summarized. The conclusions are discussed in section 7.1, while the recommendations can be found in
section 7.2

7.1. CONCLUSIONS
At the beginning of this report, the following goals were formulated for the research into the effects of relaxed
static stability on business jet aircraft:

1. Update the Initiator such that it can design a business jet aircraft with a preliminary level of accuracy
2. Quantify the effect of relaxed static stability on the business jet’s preliminary design
3. Assess the effect of relaxed static stability on the dynamic behaviour of a business jet

In order to achieve these goals, the preliminary design tool called the Initiator has been used. Since this tool
was set-up for large conventional commercial aircraft, the capabilities of the Initiator were extended as part
of this research, such that it can also be used to analyse the preliminary design of business jet aircraft. First,
the empirical weight estimation methods of Torenbeek and General Dynamics were added to Class 2 weight
estimation. This was a necessary step for business jet aircraft, as the original Initiator uses Raymer’s method,
which is set-up for large cargo aircraft. Furthermore it was shown how the weight estimation modules were
updated to account for the use of composites in modern aircraft and that an iterative MTOM-estimating loop
was implemented. Based on the validation made for these updates, it may be concluded that at this point
the Initiator is capable of predicting the MTOM of business jet aircraft with an average error margin around
5% if Torenbeek’s weight estimation method is used. Furthermore, it was shown that a similar error margin
may be obtained for conventional commercial aircraft, thus validating the usage of the updated Initiator as a
preliminary design tool for both conventional and business jet aircraft.

Moreover, as part of this research, also the modules responsible for estimating the stability and control deriva-
tives as well as the inertia tensor received numerous updates. The stability and control derivative estimation
module was updated by implementing the empirical approach of Roskam, which is a simplified version of
the DATCOM method. Furthermore, it was shown by validating the module with reference data for the Lear-
jet 24 and the Boeing 747, that the updated module does a reasonable well job at predicting the longitudinal
stability derivatives as well as the control derivatives. Finally, the inertia estimation module was updated with
the lumped mass methods of Anemaat and DATCOM to estimate the empty aircraft’s inertia tensor and a new
lumped mass method was developed to estimate the contributions of the payload and fuel. This module was
validated with reference data of the Fokker 100 and it was shown that the module could be used for prelimi-
nary design purposes although it has the tendency to slightly underestimate Iy y and Izz inertia components.

Next, to assess the effect of relaxed static stability on business jet aircraft, a baseline aircraft called the Citation-
Initiator was created and it was observed that a 5% decrease in MTOM may be achieved when reducing the
Static Margin from the reference to zero. The anticipated decrease in EOM is slightly smaller at around 3%. By
far the largest reduction in MTOM can be attributed to the reduction in required fuel mass, which is around
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12% in the case of the Initiator-Citation. This reduction is a direct consequence of reducing the aircraft’s
MTOM, but also by decreasing the trim drag. This is also reflected in the fact that an increase around 5% for
Initiator-Citation’s maximum lift-to-drag-ratio was obtained.

Now, when looking at the effect of RSS on various aircraft components some remarkable conclusions can
be made. First, although it was observed that the EOM decreases by 3%, the weight of the fuselage actually
increases by around 7%. This is caused by the fact that in this research, RSS is obtained by shifting the wing
forward. As a consequence the tail arm increases, but this also results in a heavier fuselage weight because the
bending moment on the fuselage increases. Therefore it is anticipated that a further reduction in MTOM may
be achieved if RSS would for instance be obtained by making use of a trim tank. Furthermore it was observed
that RSS results to a reduction in wing, horizontal and vertical tail area, which also reflects in a reduction of
their component weights. The reduction in wing size is direct consequence of the reduction in MTOM and
keeping the wing-loading constant, hence a wing weight reduction of 5% was obtained. The increased tail
arm is responsible for reducing the horizontal tail and vertical tail weight by 14% and 16% respectively.

The most noticeable effect of RSS on the stability derivatives, was the change of the Initator-Citation’s Cmα

from -0.518 for the reference aircraft to -0.036 for the aircraft with a 20% wing shift. Which effectively means
that for this wing shift, the aircraft is still longitudinal stable, but only just. Furthermore, a steady decrease in
the pitch rate derivatives was observed for an increase in wing shift. Also, it was rather surprisingly observed
that although the elevator’s size decreases, the elevator control power is almost unaffected by relaxed static
stability. This can again be attributed to the fact that the tail/elevator-arm increases. Note that if a trim tank
would be used, a more noticeable effect on the elevator control derivative would be expected. Finally, as
anticipated the drag and lift due to elevator deflection slightly decreased, which can be attributed to the fact
that the elevator size decreases in accordance with the decrease in horizontal tail size.

7.2. RECOMMENDATIONS
With respect to the weight estimation three major recommendations can be made. First, as indicated in
chapter 6.3, there are still some relatively large fluctuations in maximum lift-to-drag-ratio per iteration in the
Initiator’s Design Convergence. Now, because these fluctuations result in a large uncertainty bound on the
fuel estimate, they are a major source of error in the results. Therefore, for future work it is recommended to
further investigate, what causes these fluctuations. Furthermore, when estimating the weight of the systems,
the effect of adding a fly-by-wire system to deal with negative longitudinal stability has not been incorpo-
rated. When negative stability would be investigated in future work, it is highly recommended to implement
this effect, as otherwise overly optimistic results may be expected. Finally, the equations used to estimate the
instruments weight in the Class 2 Weight Estimation, rather conservatively assume that conventional ana-
logue instrument are used. Modern (business jet) aircraft frequently make use of a so-called "glass cockpit"
and thus an improvement in the predicted systems weight and MTOM may be expected if more accurate re-
lations for this type of instruments would be implemented.

Next, as shown in section 5.3, the estimation of some of directional and lateral stability derivatives is still quite
rough. Therefore it is suggested to expand the current approach with results from AVL and/or DATCOM. Do
note that the current module has one major advantage over AVL, which is that it also takes the effects of fuse-
lage and nacelles into account, whereas AVL only considers the effects of the lifting surfaces. Finally note that
the stability & control derivatives obtained with the module should only be used as a first estimate and that
more accurate methods such as CFD methods or wind tunnel tests should be used to obtain more reliable
estimates.

As mentioned in section 6.2, relaxed static stability in this research is achieved by shifting the wing forward.
The horizontal and vertical tail are then sized with the volume coefficient of the reference aircraft. Another ap-
proach would be to estimate the horizontal tail size with the Initiator’s horizontal stability estimation module.
In this research the module has been discarded, because of its tendency to move the wing too much forward
leading to unreliable results. If this issue could be solved however, it is recommended to use this module and
expand its capabilities such that it can also put a constraints on the horizontal tail size for instance for take
off or the landing flare. Furthermore, it is anticipated that an improvement in accuracy can be achieved, if the
Initiator’s directional stability estimation module would be used to size the vertical tail, instead of using the
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vertical tail volume coefficients. As stated before, this module is currently not used, because of its tendency
to maximize the tail arm, by increasing the vertical tail’s sweep.

There are also a couple of recommendations to be made for future expansions within the Initiator. Cur-
rently the cargo bay of aircraft with a low cabin floor are placed directly behind the cabin. Next, it is checked
whether the fuel required for the harmonic mission fits in the wing and if this is not the case a fuel tank is
placed behind the cargo bay. This obviously has a large effect on the c.g. range during cruise and therefore
it is recommend to change the design logic in the future, such that the cargo bay is shifted to the rear if a
fuselage tank is required. Furthermore, some business jet aircraft such as the Cessna Citation II have a cargo
bay in the nose, this is currently not possible with the Initiator. Also, at the moment EMWET is only used to
estimate the weight of the main wing’s wingbox, which is then used to estimate the main wing’s contribu-
tion to inertia tensor. To make the inertia estimation method more consistent it is suggested to use EMWET
to estimate the horizontal tail’s weight as well. The limiting factor at the moment is that EMWET estimates
the wingbox weight first based on the input load and then uses a correction factor to account for the sec-
ondary structure’s weight. Hence, to use EMWET on the horizontal tail this correction factor for horizontal
tails should be estimated first.

Finally, as mentioned in the conclusions, relaxed static stability in this research was obtained by shifting the
wing forward. For future work however, it may be interesting to investigate how RSS affects the aircraft design
if other methods are used. For instance trim tanks could be used, and when this approach is used it is antic-
ipated that gains in the fuselage weight could be made at the cost of elevator effectiveness. Furthermore, for
this type of relaxes static stability, it would also be necessary to estimate the added weight to the control and
fuel system required for automatically moving fuel around during flight. To quantify these statements further
research would be required and this would also require a major update to the Initiator, because currently only
one tank per aircraft part can be created.





A
CLASS II WEIGHT ESTIMATION:

ASSUMPTIONS

The Class II Weight Estimation methods have been developed for conventional aircraft types (wing-fuselage-
tail combinations). As such within the Class2WeightEstimation-module a conventional aircraft configuration
is assumed and care should be taken when using it to estimate the weight of non-conventional aircraft (e.g.
BWB’s, Prandtl planes, etc.). Furthermore, when implementing Torenbeek’s and the GD-method in the mod-
ule, some additional assumptions were made, which will be explained in the following paragraphs.

First, the furnishing and operational items weight highly depends on the design range of the aircraft. There-
fore four design range categories are assumed, each with corresponding correction factors. The design cate-
gories with their respective ranges are:

• Regional/short range: assumed to have a design range below 1500 nmi (2778 km).
• Medium range: assumed to have a design range between 1500 nmi (2778 km) and 2500 nmi (4630 km).
• Long range: assumed to have a design range between 2500 (4630 km) and 5000 nmi (9260 km).
• Ultra long range: assumed to have a design range over 5000 nmi (9260 km).

Next, the following assumptions have been made with respect to estimating empty weight (WE ):

• Wing:

– The main wing is assumed to have lift-dumping surfaces or spoilers mounted on it’s upper surface.
– It is assumed that flaps are installed, which can be of any type except for the fowler flap type.

• Fuselage:

– It assumed that the fuselage is pressurized up to a maximum differential pressure of 8.6 psi.
– The number of (belly) cargo doors is settable in the setting files. In case it is not specified, a stan-

dard of 2 cargo doors is assumed.

• Empennage:

– The horizontal tail is assumed to be fixed (Kh = 1).
– It’s assumed that the elevator takes up approximately 20 percent of the horizontal tail area.

• Nacelles/Engines:

– Fuselage buried nacelles are not considered: nacelles are assumed to be mounted on either the
wing or the fuselage (Ki nl = 1).

– The pylon is assumed to be 85% of the nacelle length.
– The nacelle diameter is assumed to be 110% of the engine diameter.
– The nacelle lip is assumed to be 15% of the nacelle length.
– The maximum static pressure typically ranges between 15 and 50 psi, for this method the average

of 32.5 psi is assumed.
– It is assumed that no afterburner is installed.
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– It is assumed that engines with a bypass ratio higher than 3 can be considered high bypass ratio
engines.

– The installed engine mass is assumed to be 1.3 times the dry engine weight [8].

• Systems and fixed equipment:

– The control system is assumed to be (electrically) powered.
– The number of functions performed by the control ranges typically between 4 and 7 [8], the aver-

age of 5.5 is assumed.
– The number of mechanical functions performed by the controls typically range between 0 an 2

[8], the average of 1 is assumed.
– It is assumed that wing mounted control surfaces use 10% of the wing area.
– The systems electrical rating typically ranges between 40 to 60 kVA for commercial transport air-

craft [8], the average of 50 kVA is assumed.
– It is assumed that Jet A-1 with a density of 6.84 lbs/gal is used.
– Integral fuel tanks or a so-called wet wing is assumed.
– Reciprocation engines are not considered, i.e. the engines are of type turbojet, turbofan or turbo-

prop.
– For conventional transport aircraft, it is assumed that the cabin takes up to 40% of the fuselage

volume, while for business jets this fraction goes up to 70%.
– The APU is assumed to weigh approximately 0.8% of the MTOW [18].
– The uninstalled avionics weight typically ranges between 800 to 1400 lbs [8], the average 1100 lbs

is assumed.
– Paint is assumed to weight 0.45% of the MTOW [18].
– It is assumed that flight crew consists of 2 pilots.
– At least one flight attendant per 50 passengers is assumed.



B
DATCOM FIGURES

(a) Horizontal Tail Rolling K4-factor (b) Vertical Tail Rolling K5-factor

Figure B.1: Empennage rolling K -factor

In section 3.4, it was described how the inertia tensors for the horizontal and vertical tail plane are to be
estimated, using the method as described in Section 8.1 of DATCOM [34]. To determine the horizontal tail’s
rolling moment of inertia around it’s centroid, equation B.1 is used and the K4-factor can be determined from
Figure B.1a[34].

Iox HT = WHT bHT
2K4

24

(
cr HT +3ct HT

cr HT + ct HT

)
(B.1)
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A similar procedure is used to estimate the vertical tail’s rolling moment of inertia around it’s centroid (see
equation B.2). The K5-factor in this equation can be determined from Figure B.2.

Iox V T = WV T b2
V T K5

18

(
1+ 2crV T ct V T(

crV T + ct V T

)2

)
(B.2)
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CLASS2WEIGHTESTIMATION-MODULE

In chapter 4, the general work flow of the Class2WeightEstimation-module has been described. In this ap-
pendix a more detailed description of this module’s main functions and their respective in- and outputs is
given.

GETMAINWINGWEIGHT

The getMainWingWeight-function estimates the mass and centre of gravity of the aircraft’s main wing. This
function has three inputs: the Initiator controller, a wing-object and an input-string indicating which method
of the three available methods (Raymer, Torenbeek or GD) should be used. The function also checks whether
the mass-estimate has to be corrected for the use of composites. Recall that this correction is based on the
correction factors described in section 3.1. Furthermore, the methodology as described in chapter 3.2 is
unable to estimate the wing weight of a wing with a kink, therefore the equivalentWing-function is called to
transform the wing into the equivalent wing. Finally, note that the getMainWingWeight-function can be used
to estimate the weight of a boxwings as well, the function is then simply called twice: once for the front/lower
wing and a final time for the rear/upper wing.

GETFUSELAGEWEIGHT

The getFuselageWeight-function is used to estimate the aircraft’s fuselage weight and centre of gravity. The
function has three inputs: the Initiator controller, the fuselage-object and the method-string. Just like the
getMainWingWeight-function, this function also checks and corrects the fuselage mass-estimate for the use
of composites. Furthermore, note that if Raymer’s approach is used, a correction factor (Kw s ) dependent on
the main wing geometry needs to be estimated. Therefore, the the wing-object is called from the controller
in this case and transformed into the equivalent wing with the equivalentWing-function, after which this
correction factor may be determined.

GETWINGWEIGHT

The getWingWeight-function estimates the mass and centre of gravity of all lifting surfaces, excluding the
main wing. This function has also three inputs: the aircraft-object, the lifting surface-object and the method-
string. Within the function two separate cases have been implemented: one to estimate the weight of the
horizontal tail or the canard (or both in case of a three-surface aircraft) and another to estimate the vertical
tail’s weight. Note that the current getWingWeight-function cannot be used to estimate the weight of uncon-
ventional tail types such as a V-tails or Y-tails.

GETENGINEWEIGHT

The getEngineWeight-function estimates the mass and centre of gravity of the dry engine as well as other
parts of the propulsion system. Note that in case of turboprop aircraft, this function, can only be used to
estimate the dry engine mass. The getEngineWeight-function has as input-arguments the Initiator controller,
a single engine-object and the method-string. The dry-engine mass is estimated from the engine database
within the Initiator and is assumed to be simple function dependent on the static thrust. Finally, note that
the assumptions made when implementing the getEngineWeight can be found in Appendix A .
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GETFIXEDEQUIPMENTWEIGHT

Depending on the selected methodology, the getFixedEquipmentWeight accounts for the mass contributions
of the fuel system, flight controls, instrumentation, electrical system, airconditionning system, APU, etc. This
function has two inputs, being the Initiator controller and the method-string. All assumptions made when
creating this function can be found in Appendix A.

GETFURNISHINGWEIGHT

The getFixedEquipmentWeight-function is used to estimate the mass and centre of gravity of the furnishing.
What is meant by furnishing highly depends on the selected methodology, but in general it contains con-
tributions of seats, lavatories, gallies, etc. Just as the getFixedEquipmentWeight-function, it has the Initiator
controller and the method-string as inputs.

GETOPERATIONALITEMS

The operational items account for the crew provisions, the cabin supplies, the potable water and the toilet
chemicals, safety equipment and residual fuel. In order to estimate the mass and the centre of gravity of these
items, the getOperationalItems-function is used. Since only Torenbeek’s methodology takes these items into
account [6], the function has a single input argument, being the Initiator controller.

GETLANDINGGEARWEIGHT

The getLandingGearWeight-function is a simplified version of the module developed by N.C. Heerens in ref-
erence [37]. The function only takes the Initiator controller and first estimates the number of wheels on
the landing gear based on the aircraft database. By imposing lateral and longitudinal limits on the gear, the
landing gear is completely designed, after which the weight can be estimated by adding the weight of its
components.

MISSIONESTIMATIONCLASSII
The estimate for the fuel mass made with the Class1WeightEstimation-module is updated with MissionEsti-
mationClassII-function. This function has the Initiator controller and the OEM (determined by adding the
contributions of the aforementioned functions) as inputs. Based on these inputs, the MissionEstimation-
ClassII runs through a variety of missions (ferry, harmonic, etc.) and updates the estimate for the fuel mass.
Furthermore, it checks whether the calculated fuel volume fits within the aircraft’s tanks and draws the cor-
responding payload range diagrams.



D
STABILITY AND CONTROL DERIVATIVES

ESTIMATION FUNCTIONS

In chapter 4, the general work flow of the ControlStabilityDerivativeEstimation-module has been described.
In this appendix a more detailed description of the module’s main functions and their respective in- and
outputs is given.

IMPERIAL

As mentionned before the stability and control derivatives are estimated with the approach described in Air-
plane Design part VI [20] This method uses the imperial system, while in the Initiator the metric unit system
is used. Therefore the imperial-function was written to convert all relevant parameters into the imperial unit
system. The function takes the Initiator controller as input and outputs two structure arrays, called aero and
obji. The aero-array contains all relevant aerodynamic properties (air density, dynamic viscosity, Mach num-
ber, etc.). All parameters related to the geometry of the aircraft are stored in the obji-array. Finally, note that
this function also handles the conversion from the actual aircraft wing into the equivalent wing (in imperial
system).

GETSTEADYSTATE

This function takes the Initiator controller and the aero-array as inputs and calculates the steady state lift and
drag coefficient. First, the steady state lift coefficient is calculated with equation 3.38. Next, the drag polar
is called from the Initiator controller, from which then the steady state drag coefficient can be determined.
Finally, the results are returned to the main run-file in a structure array called SS.

CALCULATEANGLEOFATTACKDERIVATIVES

CalculateAngleofAttackDerivatives is used to calculate the stability derivatives with respect to angle of attack
(CLα ,CDα & CMα ) and rate of angle of attack (CDα̇ ,CLα̇ & CMα̇ ). Recall that these derivatives are estimated
with the method as described in Chapter 10.2 of Airplane Design Part VI[20]. The function takes the Initiator
controller and the imp and aero structures as input and stores its results in a single structure array called
AOAD.

CALCULATEANGLEOFSIDESLIPDERIVATIVES

The CalculateAngleofSideslipDerivatives-function is used to calculate the stability derivatives with respect
to angle of of sidslip (Cyβ ,Clβ & Cnβ ). Just like the CalculateAngleofAttackDerivatives-function, this function
takes the Initiator controller and the imp and aero structures as input and stores its results in a single structure
array called AOSD.

CALCULATEROLLRATEDERIVATIVES

CalculateAngleofSideslipDerivatives estimates the stability derivatives with respect to roll rate (Cyp ,Clp & Cnp ).
This function takes the Initiator controller, the vertical tail’s contribution to the sideforce-due-to-sideslip-
derivative (Cyβv

) and the imp and aero structures as input and stores the results in the structure array called
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RRD. Note that for the estimating the yawing-moment-due-to-roll-rate derivative(Cnp ), only the effect of de-
flecting plain flaps is taken into account. For future work, it is recommended to expand the current function
to account for the deflection of other flap types as well, by using the methodology as described in Chapter 8
of reference [20].

CALCULATEPITCHRATEDERIVATIVES

The CalculatePitchRateDerivatives-function is used to estimate the stability derivatives with respect to pitch
rate (CDq ,Clq & Cmq ). This function takes the Initiator controller and the imp and aero structures as input and
stores the results in the structure array called PRD

CALCULATEYAWRATEDERIVATIVES

The CalculateYawRateDerivatives-function is used to determine the derivatives with respect to pitch rate
(Cyr ,Clr & Cnr ). Just like the CalculateAngleofSideslipDerivatives, this function uses the Initiator controller,
the vertical tail’s contribution to the sideforce-due-to-sideslip-derivative (Cyβv

) and the imp and aero struc-
tures as input. Its results are stored in a structure array called YRD

CALCULATEAILERONCONTROLDERIVATIVES

In the CalculateAileronControlDerivatives-function, the control derivatives with respect to aileron deflection
are estimated (Cya ,Cla & Cna ). The function takes the initiator controller and the imp & aero structures as
input and estimates the control derivatives with the methodology from reference [20]. Finally, it stores the
results in a structure array called AileronDerivatives. Note that for all control derivatives, it is assumed that
the deflection of the surface is the same as deflecting a plane flap

CALCULATEELEVATORCONTROLDERIVATIVES

The CalculateElevatorControlDerivatives-function is used to estimate the control derivatives with respect to
elevator deflection (CDe ,CLe & Cme ). The function takes the initiator controller and the imp & aero structures
as inputs and estimates and stores the results in a structure array called ElevatorDerivatives.

CALCULATERUDDERCONTROLDERIVATIVES

The CalculateRudderControlDerivatives-function is used to estimate the control derivatives with respect to
rudder deflection (Cyr ,Clr & Cnr ). The function takes the initiator controller and the imp & aero structures
as inputs and estimates and stores the results in a structure array called RudderDerivatives. Note that this
function is only capable of calculating the rudder derivatives of aircraft with a single vertical tail! Furthermore
it is not possible to estimate the rudder derivatives of a split rudder’s parts.
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DETAILED INERTIA ESTIMATION

FUNCTIONS

In chapter 4, the general work flow of the InertiaEstimation-module has been described. In this chapter a
more detailed description of this module’s main functions and their respective in- and outputs is given.

BODIESOFREVOLUTIONINNERTIA

The BodiesOfRevolutionInnertia-function is used to calculate the inertia contributions of the fuselage and
the nacelles (without engines), based on the methodology as described in section 3.4.1. The function has
three inputs: that aircraft’s the centre of gravity, the cylindrical the part’s geometry and its weight. Next,
the cylindrical object is divided into lumped masses as explained for which the mass and centre of gravity
is determined as explained in section section 3.4.1. Next, the inertia contributions of each lumped mass is
calculated with equations 3.67 to 3.70, which are added first in a loop over the cross-section and then in a
loop over the entire part, in order to obtain the part’s inertia contributions. The output of this function is a
single 3x3 inertia matrix.

LIFTINGSURFACESINNERTIA

The LiftingSurfacesInertia-function estimates the inertia tensors of the main wing, based on the approach
described in section 3.4.2. This function has four inputs, being the Initiator controller, the main wing part,
the aircraft’s centre of gravity, and the density of the material used in the wing.

From the Initiator controller, the results from the EMWETWeight-module are called first, from which the
number of stations is called in which the wing should be divided. Next, the weight fractions of skin, ribs,
spars is determined using the CalculateWeightFractions-function, after which the slope in equations 3.72 to
3.74 is determined. Next, a loop is started over each aerofoil section which first calculates the area of aerofoil
segment, with the AirfoilArea-function.Next, the A1, B1 and C1 terms in equation 3.73 to 3.72 are determined,
after which the centre of gravity and the mass of the lumped mass on that aerofoil segment may be estimated.
From these results, the inertia contributions of those lumped masses is estimated with equation 3.67 to 3.70,
which are then are then added per aerofoil segment and then over the entire wing.

Once this loop over the entire wing has been completed, the result it multiplied by two to account for the
inertia of both the left and right wing-half. Finally, BodiesOfRevolutionInnertia-function outputs the results
for the main in a single 3x3 inertia matrix.

CALCULATEWEIGHTFRACTIONS

The CalculateWeightFractions-function is called in the LiftingSurfacesInertia-function in order to estimate
the weight fractions of the major components with respect to the total wing weight. It takes as inputs, the Ini-
tiator controller, the wing surface object, the density of the wing material and the locations of the front and
rear spar. Based on these inputs, it calls the following functions to calculate the weight of the wing’s major
components:
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• CalculateSparMass
• CalculateSkinMass
• CalculateRibMass

Next, the wing-box weight is calculated from the primary structure weight, after which the fractions of the
major components with respect to total wing weight are calculated. Finally, the results are stored in a single
structure, called WeightFraction

CALCULATESPARMASS

The CalculateSparMass-function is called by the CalculateWeightFractions-function and calculates the spar
mass based on the following inputs: the Initiator controller, the spar location, thickness and material density
and the wing surface. Based on the number of EMWET stations, the spar is split in an equal amount of
stations after which the volume for each spar station is calculated based on the spar and wing thickness. By
multiplying the spar volume with the material density and by two for the other wing half, the total spar weight
is determined.

CALCULATESKINMASS

The CalculateSkinrMass-function is called by the CalculateWeightFractions-function and calculates the skin
mass based on the following inputs: the Initiator Controller, the skin thickness, the wing surface, material
density and front and rear spar position. Just as for the CalculateSparMass-function, the amount of stations
is set equal to the amount of EMWET stations, after which the volume of the skin is calculated and multiplied
by the material density and by two to obtain the weight of the skin for the entire wing. Note that this function
needs to be called twice, once to calculate the weight of the upper skin and a second time for the weight of
the lower skin.

CALCULATERIBMASS

The CalculateRibMass-function is also called by the CalculateWeightFractions-function and calculates the rib
mass based on equation 3.76. It takes the MainWing object and the material density as inputs and outputs
the rib mass.

POINTMASSINERTIA

The PointMassInertia-function calculates the inertia matrix for a point mass. It takes the weight of the part,
that part’s centre of gravity and the aircraft’s centre of gravity as inputs and calculates the inertia matrix bases
on equations 3.67 to 3.70. The output of this function is a 3x3 inertia matrix.

GETSYSTEMINERTIA

The getSystemInertia-function calculates the inertia tensors for the aircraft systems. It takes the Initiator con-
troller and the Class 2 Weight Results as input. Based on the method selected for the Class 2 Estimation-
module, this function will call the systems incorporated within that method and estimate the inertia tensors
with the PointMassInertia-function. At the end of this function the inertia contributions are added and out-
putted in a single 3x3 inertia matrix.

GETOPERATIONALITEMSINERTIA

Unlike the systems, the operational items are not specific to the Class 2 Weight Estimation method. Their
inertia tensors are estimated with the getOperationalItemsInertia-function, which takes the Class 2 Weight
results as input and calculates the inertia tensors of all operational items with the PointMassInertia-function.
The output of this function is a 3x3 inertia matrix.

GETFUELINERTIA

The getFuelInertia-function takes the Class 2 Weight Estimation results as input and calculates the inertia
tensors of the fuel based on the approach described in section 3.4.3. Recall that in this approach, each wing-
half is divided into 40 station and that the fuel volume is divided over the wing based on the available fuel
volume ratio. Next, the centre of gravity locations of each wing station is calculated and the PointMassInertia-
function is used to calculate the inertia contributions of each station. Finally, all fuel inertia contributions are
added and outputted by getFuelInertia-function in a 3x3 inertia matrix for the fuel. Again, it is important to
stress that this function cannot be used to estimate the inertia contribution of belly or trim tanks.
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GETPAYLOADINERTIA

The getPayloadInertia-function uses the Class 2 Weight Results and the Initiator controller as inputs. From
this controller it will call the aircraft fuselage and make a loop through every cabin and another loop through
all the seats within that cabin, to obtain the seat coordinates of the passengers. Next, based on the seat coor-
dinate and the passenger weight (Initiator input) the inertia contribution of each passenger is calculated with
the PointMassInertia-function and then added to obtain the total inertia contribution of the passengers.

For the cargo a similar procedure is followed, however it is first checked whether the cargo is stored in bulk
or in containers. In the case of bulk cargo, the cargo’s contributions is immediately obtained with the the
PointMassInertia-function. If the cargo is stored in containers, the function loops over the cargo bays and
then over cargo containers, in order to obtain the mass and centre of gravity location of each container. Also
in this case the cargo’s inertia tensors are obtained with the PointMassInertia-function. Finally, the getPay-
loadInertia-function outputs the two inertia matrices: one for the passengers and cargo separately.





F
FOKKER INERTIA TOOL

Figure F.1: Flow Diagram for the Fokker Inertia tool

In Figure F.1 the flow diagram of the Fokker Inertia tool is shown. This tool estimates the Inertia tensor for
the Fokker 100 based on the approach described in reference [42]. As can be observed in this diagram, first
the tensors of the empty aircraft are determined. These tensors depend on the user input for the landing gear
position and in Table F.1 the difference between the inertia tensor components depending on the landing
gear position is shown.

Table F.1: Overview of empty Fokker 100 Inertia tensor contributions for gear down and up

Inertia Contribution Gear Down Gear Up

Ixx [kg ·m2] 252960 244340
Iy y [kg ·m2] 1668670 1666400
Izz [kg ·m2] 1846990 1845050
Ix y [kg ·m2] 0 -7000
Iy z [kg ·m2] 0 60
Ixz [kg ·m2] 89020 87200
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Next, the loading of the aircraft is determined from the aircraft-definition-m.file and it is checked whether
the take-off mass exceeds the MTOM. If this is the case, the tool will produce an error and instruct the user to
update the aircraft-definition-file. An example of such a aircraft-definition-file is shown in Figure F.2

Figure F.2: Overview of the aircraft-definition-file

Next, the inertia tensor for the filled aircraft can be estimated. In equation F.1 it is shown that the total inertia
component consists of the contribution of the EOM, the passengers, cargo and the fuel. Observe that the
passenger contribution in this equation is split into the Steiner contributions and the contributions due to
the inertia around the passenger’s centroid. Note that similar equations have been used to estimate the other
inertia tensor components.

Ixx = Ixx OEW +∑
(Mpax

N
· (y2

paxN
+ z2

paxN
)+Npax · Ixx 1pax + Ixxcar + Ixx f uel (F.1)
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