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PREFACE

This report is commissioned by a group of 10 students as part of their Design Synthesis Exercise and is intended
for the managers of this project and potentially for engineers in this technical area. This report will elaborate
on the process of designing a coaxial hydrogen helicopter for 2020. During the design phase, besides the
technical aspects, among others the market, the risk management, the costs and the sustainable development
will be analyzed or defined.

This report is divided into four parts, in which each includes another phase in the design process. Readers who
are particularly interested in the project objective, which includes the mission and market analysis are referred
to the first part of the report. Readers who want to know more about the detailed design of the subsystems are
referred to part two. People who are interested in the analyses of the final design are referred to part 3 of the
report. The further design and production process and the recommendations are discussed in part 4.

We would like to express our gratitude to Dr. M. D. Pavel who made this project possible. We would also like to
thank Johan Carvajal Godinez and Tim Visser for their support and assistance.
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SUMMARY

The goal of the project is to design an electric helicopter that is more efficient than conventional helicopters.
This is to be achieved by using an electric powertrain. The helicopter is designed to fly 100 km and perform
a surveillance mission of 30 minutes, followed by a 100 km return flight. The helicopter has a coaxial config-
uration and is powered by a hydrogen-driven fuel cell. The payload consists of two persons and an infra-red
camera, weighing 183 kg in total.

The coaxial rotors both have two blades with a VR12 airfoil. The diameter of the rotor disk was set at 9.0 m. The
structural integrity of the blades is ensured by using a carbon fiber skin with a foam core. Optimization with
a blade-element model has led to a cruise power of 104 kW, where 122 kW was predicted. Climb performance
was worse than predicted: the required climb rate of 900 fpm takes more than the predicted 140.6 kW. The
estimated rotor weight is 49 kg.

A carbon fiber tank pressure tank was designed to store the hydrogen. The total tank weight of 164 kg is smaller
than expected, due to the use of stronger materials, aerospace standard safety factor and its large volume. The
hydrogen is converted to electric energy by a custom-designed proton exchange membrane fuel cell, with a
commercially selected compressor. Cooling the fuel cell was more complicated than expected; this is achieved
by radiators and fans, at a total weight of 79 kg. Two synchronous three-phase AC motors have been commer-
cially selected. These are controlled by inverters, which are also available off-the-shelf. The varying fuel cell
output can be handled by the controller without using a high-power DC/DC converter. The electric driveline
provided the possibility for a non-conventional hub design. An aerodynamically shaped, non-rotating hub
accommodates the electric motors. The rotors are driven separately by means of planetary gear boxes, made
of aluminium. The helicopter is controlled by means of Piezo-actuated servo flaps, eliminating the need for a
double swashplate.

The structure of the body is tubular and made of steel, which has favourable fatigue properties. The body
was designed using Autodesk Inventor, which was validated with an analytical design of the landing gear. The
simple design of skids is preferred. The poles and front ends of the skids are made of aluminum, while the
ground skids are made of heavier but more durable steel. The large size has caused the structure to weigh 128
kg, while 90 kg was projected.

Seats, lighting and a fire extinguisher have been selected off-the-shelf. The servo flap controls require a fly-by-
wire control system. A glass cockpit design was aimed for in the commercial selection of instrumentation and
avionics. A 3 kg infrared camera was added as payload.

A stability analysis was performed in order to size the tail surfaces. Trim conditions were determined for both
longitudinal and lateral motions. With this, stability derivatives were determined. The horizontal tail was
designed with a tail surface of 0.41 m? to meet trim conditions, and a proportional-differential controller was
implemented to ensure stability. A vertical tail surface area of 0.75 m? was required for lateral stability.

A Failure Mode and Effect Analysis was performed in order to determine the risks. The highest technical risks
are the cockpit reinforcement and the controllability. Stability and cooling are also topics of high risk. The
reduced amount of moving mechanical parts increases the reliability of the helicopter. It is expected that the
achieved availability is 84% due to reduced maintenance. Overhaul is required after 2000 h because of the
limited life of the fuel cell, while 2200 h was set as a requirement.

It was determined that the innovation of a hydrogen helicopter leads to a good market perspective. There
currently is little competition, but large investments are required to design the helicopter. In order to break
even after 30 years, a price of $381,490 is required, with a production price of $349,271. The helicopter will
be introduced on the market with a high price and a high quality. The hydrogen infrastructure will need to
be implemented, but can be combined with the infrastructure for other vehicles. Pilot training is similar to
conventional helicopters. Due to the dual control, the H2Copter can be used for pilot training.

A life cycle assessment was performed. The largest emission is caused by hydrogen compression. Overall,
the emission per passenger-kilometer is 65% lower than for a conventional helicopter. The coaxial configura-
tion reduces the noise during overflight and take-off due to the absence of a tail rotor. A 3 dB margin on the
certification requirements can not be met during approach.

The gross weight of the H2Copter as determined to be 1065 kg, which is close to the budget of 1064 kg. Only
the first iteration was performed for this report. Performance can be increased in the future by integrating the
design of the different subsystems. It is expected that the first models can be sold in 2020.
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INTRODUCTION

The current helicopter aviation branch contributes to worldwide pollution on two fronts. First, greenhouse
gases are emitted by the internal combustion engines or turbines, used to power the majority of helicopters.
Second, the engines and the rotor-wake interaction produce significant noise. Although the helicopter com-
munity accounts for a small part of the transportation sector, the helicopter itself is more polluting than other
aerial vehicles. At the moment, hydrogen powered fuel cells have proven to be the most effective powerplant
to change the helicopter into a zero-emission vehicle. There will be no need for heavy transmission systems,
simultaneously reducing vibrations throughout the helicopter and eliminating the need for frequent mainte-
nance. The noise produced by the helicopter can be diminished significantly.

The purpose of this report is to present a two-seat helicopter design with commercial applications that is using
a hydrogen based propulsion system. In the previous design phases, the goals of the project, the mission and
the requirements were already identified. Furthermore, a trade-off has already been performed on the most
suitable concept. This report is more focused on the detailed elaboration of the chosen concept. This includes
the design of the rotor system, the propulsion system, the rotor hub, the body and the stabilizers. Thorough
analyses will be performed on the design, which includes the stability, performance, risks and costs. Also, an
extensive analysis will be on the sustainability of the design. This analysis shows to which extent the more
silent fuel cell will open new possibilities and pose new opportunities for the rotorcraft industry.

The report is divided into four separate parts. In the first part of the report the project objective will be dis-
cussed, which includes the project statement, mission analysis, requirements, chosen concept and market
analysis. These are discussed in chapters 2, 3, 4, 5 and 6 respectively. The second part presents the subsystem
design process and the final design. In chapter 7 the rotor design will be discussed, which is based on the aero-
dynamics of the rotor. Chapter 8 provides an elaboration on the propulsion system design, which includes the
electric motors, fuel cell, cooling and hydrogen tank. The rotor hub design is explained in chapter 9. The body,
chassis and cockpit design will be shown in chapter 10. Chapter 11 deals with the stability analysis, which is
needed to design the stabilizers. This is the only elaborate analysis shown in this part already, because it was
needed for the stabilizers design. The final design is shown in chapter 12. The third part deals with the per-
formed analyses. This includes the flight limits analysis in chapter 13, a discussion about the operation and
logistics in chapter 14, a thorough analysis on the sustainability in chapter 15, the cost breakdown in chapter
16, a risk analysis in 17 and a RAMS analysis in chapter 18. Chapter 19 provides the compliance matrix, in
which compliance with the requirements will be assessed. In the fourth part of the report the next phases of
the design phases will be discussed and a recommendation will be given for future investigations. These are
provided in chapters 21 and 22.
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PROJECT STATEMENTS

This chapter will give an overview of the project set up by Delft University of Technology. It includes the formal
project objective and mission need statements.

2.1. PROJECT OBJECTIVE STATEMENT

This project, named "Electric Helicopter", is the final project of the bachelor of Aerospace Engineering for ten
students. The project guide [1] provided the problem which had to be tackled by the group. It describes that
an electric or hybrid electric helicopter should be designed for a surveillance mission. It was later decided that
the helicopter was to be introduced in the near future for the commercial market. With all this information, a
formal project objective statement was defined as given below.

Present a two-seat helicopter design with commercial applications that has lower emissions than comparable
conventional alternatives by using electric or hybrid electric propulsion, by ten students within ten working
weeks.

2.2. NEED STATEMENT

An increasing effort to design greener alternatives is seen in the transport sector. The helicopter market is also
in need of a low-emission alternative. Although the helicopter market is relatively small, conventional heli-
copters are very polluting. Through several studies [2, 3], the possibility of an electric helicopter was assessed.
As previously discussed, such a concept will be elaborated in this project.

Apart from environmental concerns, the opportunity to push the development of sustainable propulsion al-
ternatives is a driver for this need. A functioning hybrid electric helicopter will be a breakthrough for the
aerospace industry, and it will encourage many new technological developments. It is expected that this will
accelerate the development in many fields, in particular for electrical energy storage capabilities.

In the need statement, it is important that successful implementation of this propulsion technology will lower
the emissions of light rotorcraft, with a payload of two persons. The rotorcraft will aim at multiple markets,
but the design mission will be a surveillance mission. The design will be based on current technology, and a
prototype is to be introduced in the year 2020. At the moment of defining the mission need statement, it is not
certain that a fully electric vehicle is feasible with the current state of batteries and fuel cells, so there is also the
option to make a hybrid electric vehicle. In that case, it should be easily adaptable to a fully electric concept
as soon as the improvement in technology is sufficient. With this in mind, the mission need statement was
defined as follows.

The emission of a typical helicopter surveillance mission should be lowered by using an electric or hybrid-
electric two-seat rotorcraft by the year 2020, that should be able to fly fully electrically in the future.

3 Delft University of Technology



MISSION ANALYSIS

In this chapter the mission is analyzed. The goal is to design a rotorcraft, which has lower emission and is
capable to fly a certain range, as stated in chapter 2. In order to design this, the mission profile and functions
should be defined. The general flight profile is discussed in section 3.1. The functions of the rotorcraft are
described in section 3.2.

3.1. FLIGHT PROFILE

The mission of the rotorcraft can be described in a couple of phases, which are listed below. A graphical repre-
sentation of the mission can be seen in figure 3.1. The numbers shown in figure 3.1 are the minimum required
specifications. This implies that if the optimum cruise speed turns out to be higher, this optimum value will be
used. However, if the optimum speed is lower than the minimum required cruise speed, either the minimum
required cruise speed will be used or changes have to be made in the design. Several phases are described in
more detail in this section.

3.1.1. TAKE-OFF

During take-off one should comply with the height velocity diagram. An example of the height-velocity di-
agram for the start is given in figure 3.2. There are two areas in this graph to avoid. The first is called the
dead-man region, which indicates the zone where it is not possible to perform a safe landing after an engine
failure. This is because the altitude of the helicopter has to be high enough to switch into autorotation. The
second area is the area with high forward speed and should be avoided because the time for the pilot to per-
form a safe landing is too small.

The helicopter will first climb vertically to an altitude of around 10 ft. This altitude is the most ideal altitude
[5]. In case surroundings require a higher altitude, due to limited space, the helicopter has to climb higher
vertically. This altitude should not be too high, since it requires more power and has a higher risk, as can be
seen in figure 3.2. Once this altitude is reached, the helicopter will accelerate forward to gain forward speed.
The required climbing rate is 900 fpm or 4.57 m/s to an altitude of 1980 m.

Flight profile

Vmax = 70 knt

Veruise = mph

" Velim=/800fpm Ak Surveillance [ 39]min
i [/ A\ \
1980lm  : | | Climb \ \
i Iy v
: | | Take off
‘:l Creermmm e mmmmeemee e m———e——————————————] > ' v
Range:km

Figure 3.1: Graphical representation of the mission [1].
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Figure 3.2: Example of a height-velocity diagram [4].

3.1.2. CRUISE

During the cruise part of the mission, the rotorcraft is required to fly at an altitude of 1980 m for a range of 100
km approaching the surveillance and 100 km approaching the landing area. The cruise speed is required to be
57 kts, which is approximately 29 m/s. During the initial calculations, the optimum cruise speed was 39 m/s.

3.1.3. SURVEILLANCE

The rotorcraft should be able to carry out a surveillance routine. During this phase the rotorcraft will descend
with an angle of 5 degrees to an altitude of 300 ft. This altitude is chosen, based on the minimum altitude
for surveillance set by FAR [6]. The rotorcraft is designed for a flight motion at the endurance airspeed with a
duration of 30 minutes. This flight motion depends on the type of goal of the rotorcraft. In case the rotorcraft
has to circle around a building, for example, the rotorcraft will have different conditions then, for example,
surveilling a larger area. The endurance airspeed, V,g, is the most efficient airspeed for this phase. V. lies
under the cruise speed and common flight speed for surveillance at 300 ft. The rotorcraft will be designed for
the cruise speed and the actual endurance speed has to be calculated afterwards. This resulted in an endurance
speed of 22 m/s as will be explained in chapter 13

For this mission, hover is not needed, but each helicopter is required to be able to hover. If a hover time
needs to be implemented, this is part of the surveillance. However, hovering requires more power compared
to forward flight. Thus, in order to meet the 30 minutes requirement of surveillance, a higher amount of energy
at take-off is required.

After the surveillance phase, the rotorcraft will return to the original cruise altitude of 1980m. The velocity
height curve, shown in figure 3.2, should be considered here as well. With an endurance speed of 22 m/s, it
should first climb with a slope to a forward speed of 27 m/s before climbing vertically to an altitude of 1980 m.

3.1.4. LANDING

During landing the slope of descent is 5 degrees[4]. The helicopter should descent according to the height-
velocity diagram. An example height-velocity diagram is shown in figure 3.2. This means that the helicopter
will descend with a forward velocity to a relatively low altitude. The forward velocity is reduced until the al-
titude is around 10 ft, if possible. This altitude can be higher, in case of high surroundings or limited space.
Then the helicopter will descent vertically until landing.

5 Delft University of Technology



3.2. FUNCTIONAL ANALYSIS

A design consists of many systems, which can be further subdivided into subsystems. Each subsystem is de-
signed to perform a certain function. The function analysis is supported by two important tools. Those tools
are the functional flow diagram and the functional breakdown structure. By analyzing the actions to be per-
formed during the mission, the functional flow diagram can be designed. As can be seen in figure 3.3 the
mission is divided in different action points in a horizontal line. Those points can be found restructured in
vertical order including extra sub-actions. The logical order of the functional flow diagram helps to properly
analyze and define all functions during the mission. The main mission functions can be defined as those from
vertical take-off to vertical landing. Preparations and maintenance are important support functions and added
to achieve the goal of designing a competitive market version. In the functional breakdown structure, shown
in 3.4, the functions that the H2Copter must perform are displayed in a more technical fashion. The main
functions per subsystem are listed in this breakdown structure.

[ Preparations H Vertical take-off H Climb H Cruise H Descent H Surveillance H Climb H Cruise H Descent H Vertical landing J
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Figure 3.3: Functional flow diagram
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REQUIREMENTS

A successful product starts with the definition of the requirements which are considered during all design
phases. In section 4.1 a complete list of all requirements is given, legislation is elaborated in section 4.3.

4.1. LIST OF REQUIREMENTS

Requirements are divided into 4 main groups: functional requirements, non-functional requirements, mission
requirements and constrains on the development. All are listed in table 4.1 and 4.2. A crucial step in the design
process is the verification of these requirements, to make sure the product is actually performing as desired.
Applicable parts of this table will be given in a format of a compliance matrix after the design description of
each component. This in order to verify if this specific component performs as intended.

4.2. KILLER REQUIREMENTS

The list of requirements is very long and detailed. first, the project was focused on meeting the most curial
requirements, the killer requirements. These are listed below.

e The vehicle shall be able to perform vertical take-off and landing

* The vehicle shall have an electric or hybrid electric powertrain

e The vehicle shall be adaptable to fully electrically in the foreseeable future
* The vehicle shall be able to perform the specified mission.

4.3. CERTIFICATION BASIS

Rotorcraft are only allowed to fly in public airspace if certified. Certification requirements are determined
by the state of registration and the state where the rotorcraft is flying. Globally, all flying vehicles need to be
in compliance with the ICAO standards, but specific states ask for higher requirements. Bringing helicopter
on the European market means one needs to be in compliance with the EASA regulations. A experimental
certification will not be sufficient to sell the helicopter. This design should be certified according to CS27.

Table 4.1: Mission and constrains on the development requirements.

MISSION REQUIREMENT AND CONSTRAINS

MR.1 The time before overhaul maintenance shall not be less than 2200 hours or 12 years (R22 specifications)
MR.2 The engine shall be accessible for maintenance

MR.3 The lifetime shall exceed 30 years

MR.4 The availability shall at least be 1 mission per day

MR.5 The reliability of the rotorcraft shall be [TBD] over the entire lifetime

MR.6 The engine shall emit no more than 15.1 g of hydrocarbons per kg of fuel burnt during any flight phase
MR.7 The engine shall emit no more than 37.0 g of nitrogen oxides per kg of fuel burnt during any flight phase
MR.8 A turboshaft engine shall have a smoke number of no more than 14.0 during any flight phase

MR.9 The engine shall emit no more than 243 g of hydrocarbons per hour of cruise

MR.10 | The engine shall emit no more than 772 g of nitrogen oxides per hour of cruise

MR.11 | The rotorcraft shall be in compliance with the ACARE goals [7]

MR.12 | The noise levels of the vehicle shall be at least 3 EPNdB below the noise levels prescribed in CS-36
CONSTRAINS ON THE DEVELOPMENT

COD.1 | The use of resources shall stay withing the predefined budget

COD. 2 | The project shall be completed in 11 weeks

COD. 3 | The project scale shall not exceed the workload of 10 engineers
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Table 4.2: Functional and non-functional requirements.

FUNCTIONAL REQUIREMENTS

FR.1 The rotorcraft shall be able to perform vertical take-off and landing

FR.2 The rotorcraft shall be 3-axis controllable during the entire VTOL manoeuvres
FR.3 The rotorcraft shall have a cruise flight configuration

FR.4 The rotorcraft shall be 3-axis controllable during the entire cruise phase

FR.5 The pilot accommodation shall provide a clear view to the ground
NON-FUNCTIONAL REQUIREMENTS

NFR.1 The rotorcraft shall have a maximum true airspeed of 70 kts

NFR.2 The rotorcraft shall have a true airspeed in cruise of 57 kts

NFR.3.a | The rotorcraft shall be able to carry a payload (crew) of 180 kg

NFR.3.b | The rotorcraft shall accommodate two crew members

NFR.4 The rotorcraft shall have an electric or hybrid-electric powertrain

NFR.5 The rotorcraft shall be able to sustain a climb rate of 900 feet per minute

NFR.6 The rotorcraft shall be able to cruise at an altitude of 1980 m

NFR.7 The rotorcraft shall have a range of 200 km

NFR.8 The rotorcraft shall be able to perform a 30 minute surveillance

NFR.9 The rotorcraft shall provide a crash-safe energy storage, capable of withstanding [TBD G’s]
NFR.10 | The rotorcraft shall be in compliance with EASA CS-27

NFR.10.1 The rotor craft shall have a MTOW of no more than 3175 kg

NFR.10.2 The rotorcraft shall provide auto-rotational capabilities

NFR.10.3 The rotorcraft shall provide a minimum climb ratio of 1/6

NFR.10.4 The minimum ceiling height for hovering shall be 1219 m for a reciprocal engine setup
NFR.10.5 The minimum ceiling height for hovering shall be 762 m for a turbine engine setup
NFR.10.6 The rotorcraft shall be able to be landed without any excessive vertical acceleration
NFR.10.7 The rotorcraft shall be able to be landed without bouncing and tip over tendency
NFR.10.8 The rotorcraft shall be able to restart its engine in air during auto-rotation
NFR.10.9 The rotorcraft shall provide near ground control-ability at a minimum wind-speed of 17 kts
NFR.10.10 | The rotorcraft shall have a structural safety factor of 1.5

The rotorcraft shall be able to perform between the limiting maneuvering

load factor of 3.5G and -1G

The rotorcraft shall provide controllability and integrity during vertical gusts

of 9.1 m/s in all flight phases

The pilot control forces and torques shall be no more than

* NFR. 10.13a 578 N for foot control

* NFR. 10.13b 445 N for forwards, backwards stick control

* NFR. 10.13c 298 N for lateral stick control

e NFR. 10.13d (25.4+R)-2.919 N while using the flap tab stabilizer

* NFR. 10.13e 357-R N-mm for twist control

During emergency landing conditions the pilot shall experience loads no more than
* NFR. 10.14a 4 G upwards

* NFR. 10.14b 16 G forwards

¢ NFR. 10.14c 8 G sidewards

* NFR. 10.14d 20 G downwards

* NFR. 10.14e 1.5 G rearwards

During emergency landing conditions, items of mass shall be able to withstand
loads of at least

e NFR. 10.15a 1.5 G upwards

NFR.10.15 ¢ NFR. 10.15b 12 G forwards

* NFR. 10.15c 6 G sidewards

* NFR. 10.15d 12 G downwards

* NFR. 10.15e 1.5 G rearwards

During emergency landing conditions, the structures around tanks and pilot shall
withstand loads of at least

* NFR. 10.16a 1.5 G upwards

* NFR. 10.16b 4 G forward

* NFR. 10.16c 2 G sidewards

* NFR. 10.16d 4 G downwards

NFR.11 | The rotorcraft shall be adaptable to a fully electric power source

NFR.10.11

NFR.10.12

NFR.10.13

NFR.10.14

NFR.10.16
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CONCEPT

The purpose of this chapter is to summarize the research performed in the mid-term report [8] with respect
to the feasibility of the selected aircraft design configuration, its propulsion system technology and the budget
breakdown. This preliminary information will serve as a basis for a further multidisciplinary detail design
phase of the project.

5.1. CONCEPT SELECTION

In chapter 2 the project and mission need statement have been defined. Vehicle flight characteristics belong-
ing to the different mission flight phases have been presented in chapter 3. The requirements related to the
vehicle and its mission have been defined in chapter 4. After carefully having defined these problem state-
ments, feasible aircraft concepts need to be selected to perform the mission and meet all requirements. In the
mid-term report [8], a design option tree has been established to generate an overview of all design possibili-
ties for vehicle configurations as well as for important aircraft subsystems. From this design option tree, three
feasible aircraft groups have been selected as main configuration design options by performing a trade-off us-
ing appropriate criteria. The group division outcomes are: powered rotor, non-powered rotor and tilt-wing
aircraft concepts. A brief description of these aircraft groups is provided in sections 5.1.1 - 5.1.3. Another more
detailed trade-off has been performed between the selected concepts from these groups to arrive at a single
final feasible vehicle configuration, which is presented in section 5.1.4.

5.1.1. POWERED ROTOR

The concepts considered in the powered rotor concept group are most standard helicopter configurations, be-
ing the conventional, coaxial, flettner, tandem and side-by-side ones. From these configurations, advantages
and disadvantages have been investigated in the mid-term report [8] resulting in the coaxial helicopter being
selected as the most feasible powered rotor vehicle configuration, the most important reasons being the re-
duced yaw control system complexity by the use of independent rotor drive systems, low noise production, no
tail rotor required, compactness and high manoeuvrability.

5.1.2. NON-POWERED ROTOR

Within this aircraft group, no separate configuration selection procedure has been applied; the considered
configuration was the autogyro, an aircraft using a non-powered lift providing main rotor and a powered push
propeller for thrust.

5.1.3. TILT-WING

A canard configuration has been selected as a feasible concept within the tilt-wing aircraft group. This config-
uration has benefits in efficient wing usage for providing lift. The engines are fixed to the wings, which can tilt
with respect to the fuselage.

5.1.4. FINAL CONCEPT SELECTION

The result from a thorough trade-off process between these three aircraft groups is the selection of the coax-
ial helicopter concept originating from the powered rotor aircraft group. This concept will be analysed and
worked out in detail to arrive at a final helicopter design. All its subsystems and components need to be de-
signed in a multidisciplinary engineering environment. Chapters 7 to 12 will present the results from the detail
design phase.
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Table 5.1: Component masses of the coaxial helicopter.

Component Mass [kg] | Component Mass [kg]
Main rotor blades 73 Fuel tank 259

Main rotor hub and hinge 51 Cockpit controls 7.3
Stabilizers 8.6 Systems controls 9.7
Fuselage 90 Instruments 4.8
Landing gear 64 Avionics 10

Fuel cell 228 Furnishings and equipment 8.3
Electrical motors 54 Fuel 16.1

5.2. POWERTRAIN CONCEPT

The powertrain of choice for the coaxial helicopter concept is a hydrogen electric drive. Due to the current
state of battery technology, batteries cannot catch up with the energy density provided by the hydrogen fuel
cell system over the range defined by the mission requirement. By designing a hydrogen electric drive, the
drive-line can be designed fully electric, to make it a simple conversion to a fully battery driven design, once
the performance of the batteries improves to an equal level in terms of energy density.

5.3. BUDGET BREAKDOWN

For the chosen helicopter concept a number of budgets are specified.

Mass is a driving factor in the design of the helicopter, thus a budget to keep it within limits has been made.
The empty mass is estimated by means of the class Il weight estimation method described by Raymond Prouty
[9]. To the calculated empty mass the payload and fuel masses were added to get the gross take-off mass. This
is specified at 1067 kg.

Because in later design phases components are designed separately, the previously calculated component
masses are taken and established as a budget as well. The specified masses are shown in table 5.1.

The power required is another factor of importance. The power system, including the electrical motors and
the fuel cell, is sized at a maximum peak power of 140.6 kW, which is used for climb and take-off. The maxi-
mum continuous power, used for cruise, is estimated to be 122 kW. As can be seen in table 5.1 the propulsion
subsystem is a heavy part, meaning that violating the power budget can involve a considerable increase in
weight.

The energy necessary to perform the mission will determine the amount of hydrogen that has to be carried
along in the helicopter. The budget for energy is 982 MJ or 273 kWh for the complete mission, corresponding
to 16.2 kg of hydrogen including a 15% margin for losses and the fact that a hydrogen tank cannot be emptied
completely during flight.
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MARKET ANALYSIS

In this chapter, the market for the H2Copter will be analyzed. In this final design phase, emphasis will lie on
strategic market analysis, as opposed to the quantitative market analysis performed in the baseline report.
This approach will be explained in section 6.1. In section 6.2, the long term goals and competitive advantage
of the H2Copter are stated, after which, in section 6.3, the environment the helicopter is in will be evaluated,
consisting of a PESTEL analysis and a competitor analysis. In chapter 6.4, a SWOT analysis will be provided
and section 6.5 will conclude on the market strategy which is to be used for the H2Copter.

6.1. MARKET ANALYSIS APPROACH

In the baseline report [10], a preliminary market analysis was presented for an hybrid electric or all electric
conventional helicopter. Now the concept is chosen, it is possible to analyse the market in further detail. In
the baseline report, an estimation of the feasible retail price was already made. For this analysis, comparable
aircraft were looked at and an added value for an electric aircraft as opposed to fossil fuel flying aircraft was
obtained from the automotive industry. It should be noted that the added value was estimated for a concept
with an all battery configuration while the chosen concept runs on a hydrogen fuel cell, which imposes higher
operating cost due to the high price of hydrogen. However, since a system running on hydrogen also has
benefits compared to batteries, such as reduced refueling time, and since the price of hydrogen is expected to
decrease significantly in the coming years, the added value is expected to be the same for a battery powered
and a hydrogen powered aircraft. Since the chosen concept is still comparable to the reference aircraft and
since the added value is still applicable to it, the general estimation made in the baseline report is still seen as
valid for the H2Copter. However, the uncertainty of this estimation is increased, thus the standard deviation is
more likely to be exceeded.

Thus, it is expected to be able to sell the hydrogen helicopter for $333,000.00 USD + 26%. This corresponds to
a minimum of $246,400.00 USD and a maximum of $419,600.00 USD.

Since a selling price has already been estimated, this market analysis will focus on the strategic aspects of
market analysis. Questions such as "'What will be the long term goals for the helicopter?’ (section 6.2) "What
environmental factors and which competitors require the attention of the helicopter design team?’(section
6.3), 'What are the strengths, weaknesses, opportunities of and threats to the helicopter design?’(section 6.4)
and 'What must be the market strategy for the helicopter design team?’(section 6.5) will be answered in this
chapter. This will be done by comparing the helicopter to a reference. For the baseline report, the automotive
industry was used as a reference. This will be done again, specifically, the company Tesla is looked at. Tesla was
chosen for its resemblance to the helicopter; they build electric, high quality exclusive cars and their market
strategy is very interesting. Two Tesla market analyses were found [11, 12] and the strategic market for the
helicopter will be analysed using these analyses as guidelines.

6.2. LONG TERM GOALS AND COMPETITIVE ADVANTAGE

To be able to come up with a market strategy, the long term goals for the helicopter must be defined. The ob-
jective statement for this project is to 'Present a two-seat helicopter design with commercial applications that
has lower emissions than comparable conventional alternatives by using electric or hybrid electric propulsion,
by ten students within ten working weeks’. This is a goal on a rather short timespan, only ten weeks. What is
it that is to be accomplished in the future? Tesla defined its long term strategic goal as "To create affordable
mass market electric vehicles (EV)’ [11]. This long term goal is focused on mass market. For the Helicopter,
the long term goal is less focused on mass market production, more on the reduction of emissions by heli-
copters. A long term goal could therefore be: 'To provide affordable and practical alternatives to fuel burning
and polluting helicopters’. Copying the strategy of Tesla, this goal will be achieved by:
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¢ Selling hydrogen helicopters, first this model, in the future possibly a newer, better model
* Selling patented innovative technology, developed for the helicopter. This is also a method Tesla uses

e Providing an example to the industry, showing that it is possible to build clean helicopters

The competitive advantage of the helicopter will be its innovative, electric, silent design and the knowledge
that comes with it. For the helicopter that is designed, no big advantage is yet to be identified. However, at
the time where other players enter the electric helicopter market, it is expected that a lot of knowledge has
been gathered and thus the exceptional expertise of the company is an advantage over newer players. Another
advantage of the helicopter is the use of the newest technology all in one helicopter, making it efficient and
silent.

6.3. ENVIRONMENT ANALYSIS

For a good market analysis, the environment the helicopter is in must be analysed. This will be done in two
ways; a Political, Economic, Social, Technological, Environmental and Legal (PESTEL) analysis will be given,
along with a competitor analysis.

6.3.1. PESTEL ANALYSIS

A PESTEL analysis describes the Political, Economic, Social, Technological, Environmental and Legal envi-
ronment of the market. Since this is very early to make a detailed PESTEL analysis, the categories Legal and
Political, as well as Environmental and social will be joined.

POLITICAL AND LEGAL

e Certification. The political and legal environment determines if and when the helicopter is certified,
which is of course very important, as without certification, the helicopter might be dangerous and will
thus never fly.

* Support programs for green development might be available from the government. This will go hand in
hand with the requirements set by the government concerning the reduction of emission of greenhouse
gasses.

ENVIRONMENTAL AND SOCIAL

e Climate change is increasingly becoming a problem. The designers are aware of this and so are the
consumers. This might drive an increase in demand for green solutions

» The designers are aware that they have to have a low carbon footprint for the whole production process,
otherwise the main point of building a green helicopter is gone. This might complicate the design and
production process.

* Consumers realise that fossil fuel might not be available at some point in time. This might increase
demand for vehicles which do not rely on fossil fuels.

TECHNOLOGICAL

e The helicopter has a large range compared to other electric aircraft. This might spike interest, seeing as
electric helicopters with a big range were not available until now.

* There will be a need for a Hydrogen charging infrastructure for the helicopter to be a commercial success.
This is one of the bigger problems that has to be tackled. A hydrogen distribution network is currently
very limited, if not non existent. This is one of Tesla’s strong points; Tesla has created a fast charging
network where 80% of the US is already covered. This has to be done for hydrogen in order for the
helicopter to be a success. Of course, the company must first asses the different sectors which show
interest in the helicopter. If, for instance, only police forces are interested in the H2Copter, it might be a
waste to set up a large infrastructure that is only used in some places.

EcoNOMIC

e At the time of writing, an economic growth is taking place. This will increase customer confidence,
increasing the chance that customers will pay large sums of money. This is also seen in the car and
house industry as they flourish due to economic growth.
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6.3.2. COMPETITOR ANALYSIS

Three possible competitors for the helicopter are Agusta westland, Sikorsky, E-volo and Robinson. Per com-
petitor, the threat and approach will be discussed.

AUGUSTA WESTLAND

By producing its concept plane Project Zero, Agusta Westland expressed its interest in entering the electric
aircraft market. However, this model is a tilt rotor, ducted fan concept that is supposed to run on batteries.
This concept is not considered a direct threat as the applications of a tilt rotor concept are different than for a
helicopter. However, due to its capability to fly using fixed wings, the concept would possibly be able to beat
the helicopter on range. Agusta Westland is also a well known company with much experience in helicopter
building, which could make for a difficult competitor. Agusta Westland should therefore be closely monitored.
Tesla’s approach w.r.t. competitors which do not pose a direct threat consists of raising brand awareness and
improving global expansion before the more serious threats from these companies enter the market [11]. This
approach should also be used for the helicopter company, keeping in mind the different kind of customers.

SIKORSKY

With the production of the Sikorsky Firefly concept, Sikorsky also showed interest in entering the electric he-
licopter market. Just like Augusta Westland, Sikorsky is a well known company with much expertise in heli-
copter building. The Firefly concept is more of a threat than Agusta’s Project Zero in terms of its resemblance
to a conventional helicopter. However, since this helicopter runs on batteries, its range and endurance are far
out-rivaled by the hydrogen helicopter. The innovative design of the H2Copter also poses a benefit over the
conventional, boring Firefly design. Sikorski could however pose a great threat in the near future. Tesla deals
with great threats by differentiation, that is gaining superiority by technological advancement. The strategy
for the hydrogen helicopter would be to gain technological superiority in the time it takes for Sikorsky to build
a helicopter of equal value, thus staying a step ahead of Sikorsky by gaining knowledge and expertise regard-
ing electric helicopter drive trains and the fly-by-wire control system. This could for instance be achieved by
developing and patenting the drive train inside the hub.

E-VoLo

E-Volo is a company entirely dedicated to electric rotorcraft. Its threat is substantial, the Volocopter is a work-
ing prototype. However, just like Sikorsky, the Volocopter flies on batteries and thus relies on the improvement
of batteries to achieve a bigger range and longer endurance. However, when the batteries improve, E-Volo will
be one of the bigger competitors due to their unique concept and their expertise in the field of electric rotor-
craft. The same strategy as for Sikorsky will be used; develop the unique drive-train-in-hub concept along with
knowledge concerning electric hydrogen helicopters.

ROBINSON

Robinson Helicopters has so far not shown interest in the electric helicopter market. It is therefore not a sub-
stantial threat. However, when Robinson decides to enter the electric helicopter market, the team must be
weary of Robinson’s expertise regarding conventional helicopters. Robinson poses no direct threat, but should
be closely monitored nonetheless.

6.4. SWOT ANALYSIS

In a SWOT analysis, all Strengths, Weaknesses, Opportunities of and Threats to the design are analysed. Strengths
and weaknesses are internal to the design; opportunities and threats are due to the environment. A SWOT
analysis for the helicopter is given in table 6.1. For this analysis, the SWOT analysis from Tesla was looked at.
While most components were the same, some varied and some elements, like the helicopter certification, were
added.

6.5. MARKET STRATEGY

Based on all these analyses, what should the market strategy be for the helicopter design team? Looking at
Tesla and the analyses given in the previous chapters, there are some methods for a new, expensive, electric
vehicle to be able to compete with all the competitors. These methods are:
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Table 6.1: SWOT Analysis for the helicopter design.

Helpful

Harmful

Strengths:
-The helicopter has a long range for an

Weaknesses:
-Helicopter requires big initial financial

Internal | electric aircraft investment

-The helicopter flies green -Design is dependant on other electric

-The helicopter is innovative vehicle innovation

Opportunities:

-The prices of oil keep rising

-Public awareness of global warming

. . . Threats:
raises demand for electric vehicles . .
. -Other companies will eventually enter market
-Government is forced to embrace .
. . . -The design and the hub are not proven

External | green solutions, support electric vehicles

-Certification could become complicated
-Efficiency of combustion engines increases
-Refueling infrastructure has yet to be built

-The electric helicopter industry is a
young one; small amount of competitors
and room for improvement

-By designing a refueling infrastructure,
a large part of the market can be taken

* Staying ahead of competition by developing innovative techniques before the competition does. For the
helicopter this would for instance be done by developing and patenting the new hub design.

e Patenting and selling innovative ideas
e Partnering up with companies that have expertise in fields that the design team could use
* Develop a refueling structure before competitors do so

As a final consideration, Bowman’s strategic clock is looked at. This clock is shown in figure 6.1. Bowman’s
strategic clock has two axes, the horizontal axis represents the price of a product, the horizontal axis the per-
ceived value to the customer. In the clock, 8 price/value strategies can be identified, in the form of a clock,
hence the name. The strategies in the clock are:

1. Low price/Low added value. This is a strategy where one tries to make the product as cheap as possible,
not taking the loss of value into consideration. An example of this strategy is the low pricing of c-brand
products in supermarkets; they are cheap but not of high quality.

Low price. This strategy aims to achieve the lowest price for a product of reasonable quality. An example
of this strategy is the low pricing of b-brand products in supermarkets; they are less cheap than c-brand
products but of better quality.

Hybrid. This strategy aims to get good quality products for the least anoumt of money. This is a very
good tactic but not feasible for small companies. To sell a product of value at a low price is only feasible
for big companies who do not need a high profit margin to survive. An example for this tactic is the low
pricing of a-brand high quality products by big super market chains.

Differentiation. This strategy aims to sell products of high value at a reasonable price. This strategy is for
instance used by companies that sell normal use, normal quality cars.

Focused differentiation. This strategy sells high quality products at a high price. This strategy is mostly
used by companies that sell exclusive products for a specific customer group, such as exclusive (sports)
car companies (Tesla, Lamborghini etc.).

Risky, high margins. This strategy tries to sell medium value products for high pricing. This tactic is not
feasible in the long run and thus doomed for failure.

Monopoly pricing. This tactic sells low value products for high prices. This tactic is only feasible without
any competition present; thus only monopolists can use this tactic. An example is the pricing of legal
documents that have to be bought from the government; an individual needs these documents but can
not get them at another place and will thus buy these documents, regardless of the high price.
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Figure 6.1: Bowman’s Strategy Clock [13].

8. Loss of market share. This strategy sells products of no value for medium prices and will thus fail, since
no customer will buy the product.

For new vehicle concepts, it is most frequently seen that the company begins with a tactic between 6 and 5.
This is because the concept building costs a lot of money;, selling for a low price is not yet feasible and the
added value is not yet high enough for strategy 4. Thus, for the helicopter, rich customers with a drive to buy
new innovative things will be targeted, just like Tesla. In the long run, cheaper helicopters should be built,
moving the tactic more to strategy 4 in the clock. This is also the approach Tesla takes; with their model S
they focused on rich males and now they are moving towards differentiation by introducing a more affordable
car for the bigger public. Tesla can afford to do this because their production methods became cheaper due
to their technical expertise and due to their brand name awareness, increasing interest amongst the general
public.
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Part II

Subsystem design
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ROTOR

A coaxial rotor system is designed in the detail design phase of this project. In this chapter, the rotor system
design process and corresponding results are presented. First the inputs and outputs are defined in section
7.1. The design process is explained in section 7.2, which contains a more elaborate description of the strat-
egy to get from input to output. In section 7.3 the airfoil selection is discussed. The material selection and
rotor blade structure follows in section 7.4. The next step is to look at the flow phenomena in the coaxial rotor
system, which is done in section 7.5. In section 7.6 the aerodynamic coefficients are derived. When the ana-
lytical solution is known, the equations are numerically implemented in MATLAB, of which the procedure is
explained in section 7.7. The final design results are presented in section 7.8. Finally, a sensitivity analysis is
performed in section 7.9 and the verification and validation procedures and corresponding results are shown
in section 7.10.

7.1. INPUT AND OUTPUT PARAMETERS

The input and output parameters are defined in an early stage of the design process. This is a first step to be
performed in order to get a clear overview of which design output parameters are required from which input
parameters. In tables 7.1 and 7.2 the input and the most important required output parameters are shown.
Some outputs are solely relevant for the rotor design, while others (such as the Lock number y) are also used
for the design of other subsystems.

7.2. ROTOR DESIGN PROCESS

In order to get a clear overview of the strategy used to design the rotor system, the design process flowchart
in figure 7.1 is made. This flowchart shows all the necessary design steps which are taken to arrive at the final
rotor system design. The first step in the design process is the selection of an airfoil for the rotor, based on
standard rotary wing airfoil criteria. From the airfoil specifications, Cr, and Cp, are found. These constants
and the rotor mass per unit span m, found from the selected rotor material and structure, are needed for the
calculation of the rotor aerodynamic coefficients. From the aerodynamic coefficients the thrust, power, H-
force and torque are calculated for the upper and the lower rotor. If these results comply with the criteria
indicated in figure 7.1, the output results are obtained. If not, iterations are necessary.

7.3. AIRFOIL SELECTION

The rotor blade airfoil is selected based on several important characteristics relevant for airfoils used in rotor-
craft. For high lift generation, a high lift slope (Cy,,) is desired as well as a high maximum lift coefficient (Cy,,,, ).
A high stall angle is also important, so that lift can be generated for a larger range of angles of attack. For low
drag, the lift to drag ratio, %, should be as high as possible. The drag divergence mach number, Mpp, should
also be high in order to avoid the high drag that occurs beyond the Mpp, airspeed.

. Table 7.2: Output for the rotor design process.
Table 7.1: Input for the rotor design process.

Inout Output
P - R Blade radius Q Rotor torque
Wy | Gross weight - —
- 0 Blade pitch distribution || P Rotor power
RC | Climb rate
— - c Blade chord d Rotor offset
h Mission altitude -
- Q | Angular velocity D Rotor drag
V| Airspeed - —
N | Number of biades W, | Rotor weight Vina | Induced velocities
b T Rotor thrust Y Lock number
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for upper and lower rotor upper and lower rotor

Figure 7.1: Rotor design process.

Airfoils that meet all these criteria are the VR12 - VR14, OA-3XX and DM-H3&4 families [14]. The VR12 airfoil is
chosen for the design, because it has a particularly high stall angle and the data is easily accessible [15] as well.
A sketch of the VR12 airfoil can be found in figure 7.2, and its important parameters are shown in table 7.3.

7.4. ROTOR MATERIALS AND STRUCTURE

The first choice that has to be made is whether a metal or composite structure is more feasible for the design.
Metal structures are easy to manufacture and relatively cheap. However, a composite structure is chosen as it
is lighter and more resistant to corrosion, increasing its lifespan. Modern rotorcraft generally use composite
rotor blade structures. A commonly used inner structure is shown in the rotor blade cross-section in figure 7.3
[16].

As can be seen, it consists of a skin with foam as core material. The leading cap, as indicated in the figure is
often made of titanium for erosion protection. A non-structural mass can be added in order to shift the center

0,1
0,08
0,06 X“_—i e
— 004 / \
- == e
: e
-0,02 ——— . + + <
0,08 T - T - T

0 01 02 03 04 05 06 07 08 09 1
x/e[]

Figure 7.2: Schematic sketch of the VR12 rotor airfoil.
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Table 7.3: Airfoil characteristics [15].

Parameter | Value | Unit Parameter Value | Unit

ClLyax 1.6 - a at (g—g)max 7 deg

ClLo 015 | - Cp at (g_;)mx 095 | —

Asrall 19 deg || Cpat (g—g o010 | -

CLalpha 5.86 rad_l Cmo -0.004 -

Cr t
(&) |44 |- (4,0 0.08 | -
/ Filled Core
'L‘\ \
S/k/i: Web D-spar Leading Gap

MNon-structural
Mass

Figure 7.3: Sketch of the rotor structure [16].

of gravity of the structure. In order to make an estimation of the weight of the structure, several simplifying
assumptions are made:

* The skin and leading cap are made of the same material.

e The D-spar is removed and the entire front chamber is filled with the same core material as the other
chamber.

* Thenon-structural mass is removed, assuming the additional mass is low and is compensated somewhat
with the additional core material.

* The web is made of the same material as the skin.
* The web is placed at the chord location with the highest thickness.

With these assumptions the only design variables are the skin thickness, web thickness and the material prop-
erties. The structure is placed in Autodesk Inventor as can be seen in figure 7.4. This is a program capable of
calculating inner stresses in the structure from loading inputs applied on it, which can be implemented in the
program. Using analytical calculations for inner stresses evaluations would be very challenging because of the
airfoil shape which can not be defined as a function, since only separate airfoil coordinates are available.

MATERIAL SELECTION

The materials chosen are carbon fibre reinforced plastic (CFRP) for the skin and web, and Compaxx 700-X foam
for the core [17]. This foam is chosen because of its high strength and stiffness to weight ratio and is often used
in wind turbine blades and rotors.

IMPLEMENTATION IN AUTODESK

The structure has to be able to withstand the forces on the rotor blade. As the stress in the root is the highest,
the structure has to be sized so that it does not fail at this place. The rotor is made by extruding the structure

|

Figure 7.4: The structure implemented in Autodesk Inventor.
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over the radius, not taking angle variations such as the manufactured blade twist into account. These angles
are relatively small and it is assumed that they will not have a large impact on the stresses in the blade. The
thrust force, which is estimated to be equal to the weight, is distributed equally over the radius, as a triangular
force distribution is not possible to be implemented in the program. The program automatically takes the
blade weight into account and an angular velocity (Q2 = 45.2 rad/s [8]) is provided as an input to the program,
out of which the program calculates the centrifugal force acting on the blade. The safety factor is set on 2.00
as a large number of assumptions are made. Using all these provided forces acting on the blade, the program
calculates the inner stresses in the structure.

STRUCTURAL DESIGN RESULT

The skin thickness is set on 2 mm. This is an initial estimation in order to iterate for the thickness of the web,
which is adjusted until the structure fails under the applied loading. The thickness for the web is then 7.8 mm
and the weight is then 12.2 kg per blade. This means that the weight per unit span m is 2.71 kg/m, a parameter
used for further calculations in section 7.6. After the final numerical design iterations resulting in the worst
case scenario force distributions on the blade, these are implemented in Autodesk. The web thickness can be
changed in Autodesk and the process is repeated until the calculated stress is beneath the maximum allowable
material stress. The thickness of the skin has no significant effect on the resulting weight of the blade, thus no
adjustments are made for it. Only the web thickness is therefore adjusted for iterations. The final weight is 48.8
kg for the complete coaxial rotor system.

7.5. ROTOR WAKE GEOMETRY AND AERODYNAMICS

Before applying blade element theory for calculating the aerodynamic coefficients of the upper and lower ro-
tor, it is important to understand the flow phenomena present in a coaxial rotor system during the different
flight phases. The most important aerodynamic characteristic of this system is the interference between the
wake generated by the upper rotor and the lower rotor. This causes the lower rotor to be subjected to a dif-
ferent average induced velocity compared to the upper rotor. The goal of the present section is to provide an
analytical approach to describe the geometry of the wake interference of a coaxial rotor system in hover and
forward flight, and to state a calculation procedure for the induced velocities on the upper and lower rotor in
these flight phases.

7.5.1. ASSUMPTIONS

The assumptions used to derive the analytical solution for the wake aerodynamic calculations of the coaxial
rotor system are listed below.

¢ In hover, the lower rotor operates in the fully developed slipstream of the upper rotor.
* In hover, the area of the wake intersecting the lower rotor is half the disk area.
¢ In forward flight, the wake deflection is linear.

* In forward flight, the induced velocity across the lower rotor outside the wake is the same as the induced
velocity across the upper rotor.

 In forward flight, the wake area intersecting the lower rotor can be approximated by a circular sector
shape.

* The lower rotor does not aerodynamically affect the upper rotor in all flight phases.

7.5.2. HOVER

Coaxial rotor momentum theory has been used to evaluate the induced velocities on the upper and lower
rotors in hover. There exist four rotor system operating conditions in hover which are listed below [18]:

* Case 1: Rotors rotate in the same plane with thrust sharing, T; = Ty,.

* Case 2: Rotors rotate in the same plane with torque sharing, Q; = Q,,.

e Case 3: T; = T,, with the lower rotor operating in the fully developed slipstream of the upper rotor.
e Case 4: Q; = Q, with the lower rotor operating in the fully developed slipstream of the upper rotor.

Since rotor separation is needed for the rotors to safely operate without colliding and torque balance is needed
to provide zero net torque to the fuselage, case 4 is of most interest. Therefore, for hover, induced velocity
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Figure 7.5: Induced velocities in hover [18].

calculations for the upper and lower rotor are performed using momentum theory which takes into account
rotor torque sharing.

UPPER ROTOR INDUCED VELOCITY

From standard momentum theory for coaxial rotors operating in a torque balanced condition in hover, equa-
tions 7.1 - 7.3 can be derived [19]. The parameters in these equations are illustrated in figure 7.5. Combining
equations 7.2 - 7.4 results in the hover induced velocity of the upper rotor as a function of the maximum take
off weight W, the density p and the rotor disk area A, given by equation 7.5.

7 Ty  Vindut Vind,i Vind,l 23
= U e O [FRLLLLE e 7.2
Vind,l 16 Vind,u .1 T; Vind,u Vindu 16 72
T,
Vindu = 2p1j4 (7.3) T+ T =W (7.4)
v _ 23W 75)
ind,u = 78pA .

Equation 7.5 is the hover induced velocity of the upper rotor which is used for the derivation of the aerody-
namic coefficients of the upper and lower rotor in both hover and forward flight conditions.

LOWER ROTOR INDUCED VELOCITY

The induced velocity on the lower rotor in the area affected by the upper rotor wake is higher than the induced
velocity across the area outside the wake. The area on the lower rotor affected by the upper rotor wake in
hover conditions is illustrated in figure 7.6. It is assumed that the lower rotor operates in the fully developed
slipstream of the upper rotor. The area of the lower rotor affected by the wake of the upper rotor is half the
total disk area A. The induced velocity across this area is the sum of the upper rotor wake velocity when it is
fully developed at the time it arrives at the lower rotor, 2v,,, and the induced velocity on the lower rotor, v;.
Combining this information with equation 7.1, the induced velocity across the area on the lower rotor affected
by the wake of the upper rotor is derived in equation 7.6. The induced velocity on the lower rotor across the
area outside the upper rotor wake is given by equation 7.7.
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Figure 7.6: Area lower rotor affected by upper rotor in hover [19].

7 39 39 /23w
(Vind,l)wake =2Vindu~+ Vind,l = 2Vind,u + E Vind,u = E Vind,u = E m (7.6)

7 v 7 23W 7.7
V; = —; = — _— .
ind,l 16 ind,u 16 78pA

Equations 7.6 and 7.7 are therefore used in the numerical program in the end to calculate the induced velocity
distribution across the lower rotor in hover. The induced velocities across the upper and lower rotor in forward
flight depend on the upper rotor hover induced velocity and not on the lower rotor hover induced velocities,
as is explained in section 7.5.3.

7.5.3. FORWARD FLIGHT
ROTOR WAKE SKEW ANGLE

A schematic of the side view of a coaxial rotor system in forward flight is presented in figure 7.7. The upper rotor
generates a wake which intersects the lower rotor disk. The three areas 1,2 and 3 represent the upper rotor, the
lower rotor outside the wake generated by the upper rotor and the lower rotor inside the wake, respectively.
Since the cruise velocity is relatively high, it has been assumed that the wake deflection is of linear nature,
since its linearity increases with forward flight velocity. The wake skew angle y is defined as the angle between
the plane perpendicular to the rotor disk and the wake line, and depends on u, and y, the advance ratios
parallel and perpendicular to the rotor disk, and (1;)4,, the average induced inflow factor [20]. The derivation
of the skew angle is shown in equation 7.8.

Vcos(ay) Vcos(a,)
X = arctan (L) = arctan V.L' = arctan( - ! (7.8)
I«ty+(/1i)tlll %fh)+% Vsin(ay) + (Vina) av

The wake skew angle increases with the flight velocity, since a larger horizontal velocity component causes a
larger deflection of the upper rotor wake.

WAKE AREA ON THE LOWER ROTOR

As can be noted from figure 7.7, the magnitude of the wake skew angle determines the area of the lower rotor
inside the wake from the upper rotor. This area decreases as the skew angle increases and is given by A in
figure 7.8. This figure gives the top view of figure 7.7. The parameter f represents the distance between the
centre points of the lower rotor and the upper rotor wake, and is indicated both in figure 7.7 and 7.8. It is given
by equation 7.9, following from trigonometry in figure 7.7. The distance d is the rotor separation distance.
The induced velocities across the lower rotor in the regions inside and outside the wake from the upper rotor
differ from each other. To be able to visualize the induced velocity variation over the lower rotor, the area
of the lower rotor intersecting the wake from the upper rotor, A, needs to be expressed as a function of the
rotor radius R, the rotor separation distance d and the skew angle y. After performing some mathematical
manipulations in a Cartesian x — y coordinate system with the origin in the centre of the lower rotor in figure
7.8, the resulting area A is expressed in equation 7.10 with f given by equation 7.9.
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Figure 7.7: Coaxial rotor wake geometry in forward flight.
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R f

Equations 7.9 and 7.10 are used as inputs for approximating the lower rotor wake area in figure 7.8 for its
numerical implementation as explained in section 7.5.3.

LOWER ROTOR WAKE AREA APPROXIMATION

Having evaluated the wake area A on the lower rotor given by equation 7.10 at this point, it remains to be deter-
mined from figure 7.8, per rotor revolution, what the percentage of the azimuth angle v is in which the lower
rotor is inside the wake and which percentage of the rotor radius passes through the wake. This information is
required for calculating the aerodynamic coefficients of the lower rotor at a later stage. As will be explained in
section 7.6, this calculation uses a double integral to calculate the aerodynamic coefficients, averaged for the
whole rotor per revolution. The first integral integrates over the azimuth angle ¥ and is needed for azimuth
averaging. The second integral integrates over the rotor radial position r, defined as r = 1—32, (see figure 7.13).
The wake area shown in figure 7.8, however, does not enable one to apply this method since the upper and
lower boundaries representing the radial positions of the rotor inside the wake, in the integral integrating over
the radial position, will constantly vary as the rotor passes through the wake. Therefore, a proposed approx-
imation of the lower rotor wake area from figure 7.8 is shown in figure 7.9, which effectively enables one to
determine the upper and lower boundaries for both the radial positions and azimuth angles in order to calcu-
late the aerodynamic coefficients of the lower rotor. The aim is to find the angle § in figure 7.9 such that the
area A there is equal to the area A from figure 7.8. Equation 7.11 is used to calculate the angle ¢ for a given area
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A from figure 7.8.

5=4 (7.11)

The induced velocity variation on the lower rotor will therefore depend on the angle §, representing the part
of the rotor revolution over which the upper rotor wake is present on the lower rotor. The aerodynamic co-
efficients corresponding to the lower rotor depend on the induced velocity distribution as elaborated on in
section 7.6.

GENERAL ROTOR INDUCED VELOCITY IN FORWARD FLIGHT

The general expression for the induced velocity across a rotor subjected to a forward flight velocity V and a
rotor disk inclination angle with respect to the horizon a; is expressed in equation 7.13 in which (v;)¢ is given
by equation 7.12 [21]. The parameter v;j, is the induced velocity across the particular rotor when it operates
in hover. The term (1 + Kr cos(y)) is a correction term for the forward flight induced velocity, which takes into
account the fact that in practice the induced velocity is not constant over the entire rotor disk area, but varies
as a function of the radial position r and the azimuth angle w. The parameter K is a constant, typically chosen
to be equal to 1.2 [21]. As can be seen from equation 7.12, the term (v;)g is present both at the left and right
side of the equation. Therefore, this equation needs to be solved numerically for (v;)¢ at the stage the other
parameters in it are known, after which the induced velocity in forward flight can be expressed as a function of
r and ¥ using equation 7.13. In some calculations, it is more appropriate to have an average numerical value
for the induced velocity, which can be calculated using equation 7.14.

2
Vin
(vi)o= > 3 (7.12)
(th cos(a,)) + (th sin(a,) + %)
1 p2n 1
Vina = (Vi)o (1+ K7 cos(y)) (7.13) Wind) av =/O fo Evinddwdr (7.14)
Equation 7.13 is used in section 7.6 to determine the aerodynamic coefficients of the upper and lower rotors

in forward flight.

UPPER ROTOR INDUCED VELOCITY

In figure 7.7, the induced velocity on the upper rotor across area @ in forward flight is given by equation
7.13 with (v;)g given by equation 7.12 in which v;;, in this case is the hover induced velocity of the upper rotor
given by equation 7.5.

LOWER ROTOR INDUCED VELOCITY

The induced velocity across the lower rotor in forward flight is higher in the part inside the wake from the upper
rotor than in the part outside the wake. It is assumed that the lower rotor does not aerodynamically affect the
upper rotor in any flight phase. It is known that for the lower rotor, the higher its forward flight velocity, the
more it behaves like the upper rotor as an independent rotor from an aerodynamic perspective. In figure 7.7,
it is therefore assumed that the induced velocity across area @ is the same as the induced velocity across the
upper rotor in forward flight, given by area 1. Since the upper rotor wake deflection in forward flight is linear,
and therefore without contraction, it is assumed that the wake velocity arriving at the lower rotor at area 3 does
not change with respect to the induced velocity across the upper rotor in area 1. The total induced velocity
across area @ consists of the sum of the upper rotor wake velocity arriving at area 3 and the induced velocity
across the lower rotor in area 2. It is therefore equal to twice the induced velocity across area 2.

7.6. ANALYTICAL DERIVATION OF AERODYNAMIC COEFFICIENTS

In this section, the aerodynamic coefficients Cr, Cy, Cg and Cp of the upper and lower rotor are derived for
the forward flight phase. After each coefficient derivation, it will be explained which input parameters should
be adjusted for them to be valid for the hover and climbing flight phases. The aerodynamic coefficients are
then used to calculate the thrust, H-force, torque and power of the upper and lower rotor.
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7.6.1. THRUST COEFFICIENT
The first step for calculating the thrust coefficient is to use given input parameters to calculate certain basic

design parameters. From the given cruise altitude £, the density p is calculated using equation 7.15 from the
ISA standard atmosphere.

(7.15)

To +llhh _%_1
p=po| ———

To

The cruise velocity V, the rotor disk inclination «,, the rotational rotor speed Q, the rotor radius R, the number
of blades Ny, the chord ¢ and the rotor induced velocity v;,4 are used to calculate the advance ratio y, the
inflow factor A, the solidity o and the aspect ratio AR using equations 7.16 - 7.19 respectively [21].

V cos(a v;
= % (7.16) A =ptan(a,) + é’lf = utan(a,) + A; (7.17)
Npc R
= — (7.18) AR=— (7.19)
TR c

The variables given by equations 7.16 - 7.18 are important design parameters, often returning in the derivation
of the aerodynamic coefficients in this section.

BLADE FLAPPING DYNAMICS

The resultant velocities the blade element sees depend on the blade flapping dynamics. This can be seen
in figure 7.10. A varying flapping angle § will result in varying velocities the blade element sees around one
revolution. Therefore, expressions describing blade flapping dynamics need to be derived which is done in the
present section.

The two main parameters representing blade flapping dynamics, which are useful for the derivation of the
aerodynamic coefficients, are the blade flapping angle  shown in figure 7.10, and its derivative with respect to
the azimuth angle y. These parameters are both expressed in Fourier series expansions in equations 7.20 and
7.21 [21]. The Fourier series are taken up to an accuracy of three terms, consisting of the coefficients ay, a; and
b1 . These coefficients, expressed in equations 7.22 - 7.24, depend on the mass moment of inertia of the blade I
in equation 7.25, the Lock number y in equation 7.26, an estimate for the average twist 8,,, the advance ratio
1, and the inflow factor A [21].

d .
B = ag— ay cos(y) — by sin(y) (7.20) Hi = a sin(y) — by cos(y) (7.21)
1 b 4A 1(30ag —22)
o= 27 Bavg (1+47) - — (7.22) T A (7.23)
O L (7.24)
3(1+342)
4
I= %me’ (7.25) - % (7.26)

Equations 7.20 - 7.26 therefore represent the main blade flapping dynamics parameters, used in the next sec-
tion to derive the velocities seen by a blade element in forward flight.

BLADE ELEMENT VELOCITIES

The constant inputs, the basic design parameters and the blade flapping dynamics calculations serve as inputs
to determine the resultant velocities U7, Ur and Up seen by a blade element in forward flight. The expressions
for these velocities are derived from trigonometric relationships using figures 7.10 - 7.13, which visualise all
velocities and forces a rotor blade element is exposed to in forward flight condition, using different rotor view-
ing perspectives.

The velocity component Uy, visualized in figures 7.11 and 7.13, is parallel to the rotor rotational plane and
perpendicular to the rotor blade. It is therefore the sum of the rotational rotor velocity V and the component
of the forward flight velocity parallel to the rotor disk plane (depending on a,) which is in turn made perpen-
dicular to the rotor blade (depending on y). Equation 7.27 is therefore used to calculate Ut [21].

The velocity component Up, visualized in figures 7.10 and 7.13, is the spanwise velocity component obtained
from the forward flight velocity and the angles a, and v, expressed in equation 7.28 [21].
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Figure 7.10: Rotor front view.

Figure 7.11: Blade element in forward flight.
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Figure 7.12: Rotor side view. Figure 7.13: Rotor top view.

The velocity component Up, visualized in figure 7.11, is the velocity component on the rotor blade perpen-
dicular to the rotational plane. It is composed of the perpendicular rotor forward velocity component, the
induced velocity, the component of Ur normal to the blade in case the blade has a nonzero flapping angle
(as can be seen in figure 7.10) and a component resulting from the angular blade motion about the flapping
hinge (= y% = y% . % = yQZ—S = rRQ%) illustrated in figure 7.10. The resulting expression for Up is given
in equation 7.29 [21].

The resulting velocity seen by a blade element in forward flight U, illustrated in figure 7.11, is given by equation

7.30.
Ur =Qy+ Vcos(a,)sin(y) (7.27) Ugr =V cos(a;)cos(y) (7.28)
Up = Vsin(a,) + ving + Ug tan(p) + rRQZ—f; (7.29) U=\/U;+U7 (7.30)

In some cases in the further aerodynamic coefficient derivation, it is useful to have a non-dimensionalized
form of the velocities Uy, Ur and Up. Dividing these velocities by the term QR results in expressions for ur,
ug and up, given by equations 7.31 - 7.33 [21].

ur =r+ usin(y) (7.31) up = pcos(y) (7.32)
da d
up = putan(a,) + A; + ugtan(p) + r£ = A+ ugtan(f) + ra‘[; (7.33)
Equations 7.31 - 7.33 are derived as these can often be used to simplify long equations to some extent by their

substitution.

DERIVATION OF THE UPPER AND LOWER ROTOR Ct

The thrust coefficient is derived starting from a calculation of the angles a blade element in forward flight is
exposed to. These angles are the pitch angle 8, the inflow angle ¢ and the angle of attack «, illustrated in
figure 7.11. The pitch angle 6 is defined as the angle between the chord and the rotational plane, the inflow
angle ¢ is the angle between the resultant velocity U seen by the blade element and the rotational plane, and
the angle of attack a is the angle between the chord and the resultant velocity U. These angles are calculated
using the blade element velocity results from section 7.6.1. The angle of attack given by equation 7.34 depends
on the resultant pitch angle 6 and the inflow angle ¢. It follows from the definitions of a, 6 and ¢ in figure
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7.11. The total pitch angle 6 in equation 7.35 in turn depends on the collective pitch angle 6.,; applied by the
pilot, the manufactured blade twist distribution 8(r) and the cyclic pitch 8(y). The cyclic pitch is given by a
Fourier series expansion in equation 7.36 from which the coefficients 8., and 8.; need to be determined at a
later stage. The inflow angle ¢ given by equation 7.37 follows from trigonometry in figure 7.11. Substituting
equations 7.35 - 7.37 into equation 7.34, the final equation for the angle of attack is found and expressed in
equation 7.38 [21].

a=0-¢ (7.34) 0 =000 +0(r) +0.(w) (7.35)
U
0.(y) =0, sin(y) + 0, cos(y) (7.36) ¢ = arctan (U—l;) (7.37)
a=0.0+0(r)+0,sin(y) + 0., cos(y) —arctan (?) (7.38)
T

At this point, all information is available for determining the thrust coefficient in forward flight and hover for
a given rotor. The incremental thrust coefficient of a blade element, following from geometry in figure 7.11, is
defined in equation 7.39 [21].

dT  dLcos(¢)—dDsin(¢) _3pU*cdy|[Cicos(@) — Casin(@)]

dCr = = (7.39)
T bAQR? pA(QR)? pnR%(QR)?
From trigonometry in figure 7.11, equation 7.40 can be deduced.
U U U
Us=—" r i (7.40)

T cos@) QR QRcos(¢)  cos(¢)

If the number of rotor blades is N}, the total incremental rotor blade element thrust coefficient becomes, after
substituting equation 7.40 into equation 7.39, using the solidity o defined by equation 7.18, and the equation
dy=Rdr:

sour?[Crcos(@) — Cpsin(¢)] o

o) (7.41)

(dCT) forw =
To calculate the thrust coefficient of the upper rotor in forward flight (C7,) forw which could be either climb-
ing or cruise flight, the incremental blade element thrust coefficient needs to be integrated from the root to
the tip of the blade, from r = 0 to 1. Furthermore, the incremental blade element thrust coefficient is indirectly
a function of the azimuth angle . Therefore, the rotor thrust coefficient will constantly vary around each rev-
olution. This means that a second integral is needed for azimuth averaging, which is performed by integrating
the expression for the incremental thrust coefficient from y = 0 to 27 and dividing the result by 27 [21]. The
final result for the upper rotor thrust coefficient in forward flight is expressed in equation 7.42. The blade el-
ement lift coefficient Cy in equation 7.41 is assumed to vary linearly with the angle of attack, C; = C;,a+Cp,_,,
and the blade element drag coefficient Cp is assumed to be equal to its profile drag coefficient, Cp,.

Lpr2m ] 1 r2m 1 foud [Cp,acos(@) — Cp, sin(@)]
(CTu)forw—fO /O E(dCT)forwdwdr—j(; fo E o2 ) dydr (7.42)

The thrust coefficient of the upper rotor in equation 7.42 indirectly depends on the induced velocity across
the upper rotor, for which a single expression exists which is derived in section 7.5.3. Since for the upper rotor
there is only one expression for the induced velocity which is valid for the entire rotor disk in forward flight,
the azimuth averaging for the integration for the thrust coefficient for the upper rotor is performed using the
lower and upper boundaries of 0 and 2x for . However, for the lower rotor, as can be seen in figure 7.9, the
thrust coefficient needs to be calculated as the sum of the average thrust coefficients of the parts of the rotor
disk inside and outside of the upper rotor wake. Therefore, the azimuth averaging for the calculation of the
thrust coefficient of the lower rotor needs to be performed separately for these parts. The boundaries for the
radial position r are still taken from 0 to 1 for both parts inside and outside of the wake, since for a given rotor
blade position anywhere in its revolution the induced velocity does not vary from r = 0 to 1. Therefore, the
resulting expression for the lower rotor thrust coefficient in forward flight is given by equation 7.43. For the
evaluation of the first term in equation 7.43, the induced velocity across area 2 in figure 7.7 is used. For the
second term, the induced velocity across area 3 in figure 7.7 is used.
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2136 1 2cruzT[CLaoccos((/))—CDOSin((p)]
CTI forw — ff

cos? (¢) dydr 743
[ f% zauZT[CLaacos((,b)—CDOsin((p)]d o )
2n-16 27 cos? (¢) v

For hover, the upper and lower rotor thrust coefficients are derived in the same way as for the forward flight
phase. The difference is that for hover, different expressions for the induced velocities across the upper and
lower rotor are used in the final equation for the thrust coefficient. Furthermore, V = 0 and a, = 0 in hover.
Setting these parameters equal to zero, equation 7.40 is adapted to equation 7.44.

_ U _Qy U _ 9 (7.44)
" cos(¢) cos(¢p) QR QRcos(¢p) cos(¢h) ’
Using equation 7.44, equation 7.39 is adapted to equation 7.45 for hover.
3071%[Crcos(¢) — Cpsin(¢)]
(dCT) hov — (745)

cos?(¢p)

The thrust coefficient for the upper rotor in hover is therefore given by equation 7.46. The induced velocity
used to calculate it is given by equation 7.5.

2 2 1 Lor2[Cr cos(¢) — Cp sin(o)
(Cr,) hov = f f —(dCT)hovd’(//dT—f f 2 [ cos(f((/)) D (p]dwdr (7.46)

For the lower rotor in hover, the induced velocities over the lower rotor per revolution are constant over the
azimuth angle v but vary over the rotor radial position r as can be seen in figure 7.6. The opposite is true for
the forward flight phase in which the induced velocities vary over the azimuth angle ¢ and are constant over
the radial position r per lower rotor revolution as can be seen in figure 7.9. Therefore, the thrust coefficient of
the lower rotor in hover is given by equation 7.47. The boundaries containing the term %\/5 in the integrals
come from the fact that the wake on the lower rotor in hover ends at a radial position of r = %\/Z since the
lower rotor area affected by the wake is half the total disk area in hover [19].

c 2n 1 30r?[Cr,acos(¢) - CDosm((,b)] p

i) hov = f f cos? (¢p) dydr
2 —ar2[CLaacos((p)—CDosin((p)]d 4 (7.47)

f f cos? (¢) var

The induced velocities used to calculate the first and second terms of equation 7.47 are given by equations 7.6
and 7.7 respectively.

The thrust coefficients of both upper and lower rotors are now derived for the hover and forward flight con-
ditions. These thrust coefficients are used to determine the thrust of the upper and lower rotor in these flight
phases using equations 7.48 and 7.49 [21].

T, = Cr, pmR*(QR)* (7.48) T; = Cr,pR*(QR)? (7.49)
As can be noted, the rotor thrust follows directly from the thrust coefficient corresponding to the particular
rotor, the air density p, the rotor radius R and the rotor rotational speed Q. The latter three parameters are also
used to calculate the thrust coefficients Cr, and Cr,. It now remains to determine expressions for the H-force,
torque and power delivered by the rotors in sections 7.6.2 and 7.6.3.

7.6.2. H-FORCE COEFFICIENT

The H-force is the sum of the components of the lift and drag forces parallel to the rotor rotational plane,
illustrated in figure 7.11. It is therefore a good representation of the aerodynamic rotor drag. The elementary
H-force on a blade element resolved in rearward direction parallel to the flight velocity by the azimuth angle
v is given by equation 7.50. It consists of the lift and drag dependent terms d Hy and d H;. The lift dependent
term is, as can also be observed from figure 7.11, small as compared to the drag dependent term and can
therefore be neglected. The resulting incremental H-force is therefore given by equation 7.51 [21].
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dH = (dDcos(¢) + dLsin(¢)) sin(y) = dHy + d H; (7.50)

1
dHy = dDcos(¢)sin(y) = EPUZCCDO cos(¢p) sin(y)dy (7.51)

The incremental H-force coefficient is given by equation 7.52, obtained by normalizing equation 7.51 [21].
Following the same reasoning as for the thrust coefficient, the H-force coefficients in forward flight and hover
of the upper and lower rotors are given by equations 7.53 - 7.56. In hover, the forward flight velocity V is zero,
resulting in an advance ratio of u = 0, reducing the term inside the integrals in equations 7.55 and 7.56.

3NyU?cCp, cos(@)sin(y)dy  3ur?Cp,osin(y)

dCy = = 52
Ho TR2(QR)? cos(@) (7.52)
1 r+usm(1//))
(Cr) forw =5 f f o) Swdydr (7.53)
2m— 25 1 r+,usm(1//))
(Ch,) forw ™ UCDO f f c0s(@) —————sin(y)dydr
201 (r+ usm(u/)) (754
+= O'CDOf fzn—-a ey cos®) ——— X —sin(y)dydr
1 m 1 r?
(CHy) oy = CHip = 59Coy fo fo 27 205@) sin(y)dydr (7.55)
1
1 V2 oamo g2
(Ct) oy = —aCDOf f P cos((p) sin(y)dydr _

m oy g2
"2 UCD"flff 27 cos(g) SnwIdydr

Having calculated the H-force coefficients, the H-forces in hover and forward flight for the upper and lower
rotors are calculated using equations 7.57 and 7.58 respectively [21].

Hy = Cp, pnR*(QR)* (7.57) Hj = Cy,pR*(QR)? (7.58)
The H-forces given by equations 7.57 and 7.58 are used in a later stage to determine whether forward flight
iterations are necessary, as explained in section 7.7.

7.6.3. TORQUE AND POWER COEFFICIENTS

The torque on a rotor blade is defined as the force acting on it parallel to the rotational plane (consisting of a
lift and drag dependent term) times the moment arm y, as given by equation 7.59 [21]. The drag dependent
incremental blade element torque coefficient is given by equation 7.60 [21]. The torque coefficients for the
upper and lower rotors in forward flight and hover are given in equations 7.61 - 7.64 and are derived based on
the drag dependent term given in equation 7.60.

dQ = y(dDcos(¢) +dLsin()) = y(dDcos(¢)) (7.59)
dCo, = TR(zpUcCoycos@)dy) _ yrur*oCo, | (7.60)
pmR3(QR)? cos(¢p)
2 1 (r+ ,usm(i//))
(Cau) forw =73 f f s v (7.61)
2m-36 1 r+ysm(w))
(CQl)forw UC f f 27[ COS((p) dl//dr
15 (7.62)
+- UCD f fz ! r+ysm(w)) rdydr
2n-16 27 cos(¢)
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The lift dependent term for the torque coefficient is given by equation 7.65 [21]. The torque and power coeffi-
cients in hover and forward flight for the upper and lower rotors are given by equation 7.66 in which Cgq, is
given by one out of equations 7.61 - 7.64 depending on the case of interest. The fact that the power coefficient
is the same as the torque coefficient, as given in equation 7.66, can be verified by substituting equations 7.68
and 7.69 into equation 7.67. Equations 7.68 and 7.69 are used to calculate the rotor torque and power respec-
tively when the torque and power coefficients for the upper and lower rotor in forward flight and hover are

(7.64)

known [21].
Cq,=ACr+Cpq; = ACT (7.65) Cqo=Cp=Cq,+Cq, =Cq, +ACr (7.66)
P=QQ (7.67)
Q= CqpnR®(QR)* (7.68) P =CppnR? (QR)® (7.69)

The entire analytical solution of the rotor aerodynamic coefficients has now been derived. This solution needs
to be numerically implemented to be able to effectively iterate parameters to arrive at an optimal rotor system
design. These iterations are part of the rotor system design process, as can be seen in figure 7.1. The numerical
implementation methodology and corresponding results will be discussed in section 7.7.

7.7. NUMERICAL IMPLEMENTATION METHODOLOGY

In this section the numerical implementation of the calculations performed in sections 7.5 and 7.6 in MATLAB
is described. First the rotor is divided into a matrix of segments, after which the equations can be used for
each segment individually. A flowchart is provided for a clear overview of numerical procedures. A strategy for
iterating is also included, to meet the requirements for each flight phase.

7.7.1. NUMERICAL SEGMENTS

In order to perform the calculations on individual segments, the rotor disk has to be split up into a number of
segments. This is done by dividing the blade into n segments and the azimuth angle over which the blade will
turn in m segments. These numbers can be adjusted down to reduce the calculation time, or adjusted up to
increase the accuracy of the results. The location on the blade is represented by 0 < r < 1 while the azimuth
angle, v, is taken between 0 and 360 °. Initially, the blade is divided into 50 segments for each degree, thus n =
50 and m = 360. The points are distributed with a constant step size. These numbers should later be adjusted
to check whether the accuracy is high enough.

7.7.2. FLOWCHART

To get from the input to the final output, several calculations have to be done. In figure 7.14 an overview is given
of the flow of parameters from input to output. An important step is the iteration that follows from thrust and
torque balance, and the power that has to stay within budget. As the rotor disk is divided into small segments,
all the calculations from sections 7.5 and 7.6 can be performed on each individual point. The program is split
up into several blocks. These are discussed in the following sections.

7.7.3. PRELIMINARY CALCULATIONS

In this first calculation block, which comes after the constants and iterable parameters, the calculations are
performed that are not dependent on the location on the rotor disk. Here the atmospheric properties, advance
ratio and Lock number are calculated.
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Figure 7.14: Flowchart of the numerical calculations.

7.7.4. UPPER ROTOR

This block holds all the calculations on the upper rotor. Two loops are made, one for the segment location on
the blade, r, and one for its angular location, v, on the disk. These two loops are nested, so that for each angle
all the calculations on each blade segment are performed. The calculations are then performed according to
sections 7.5 and 7.6. The integral and lift slope calculation have to be calculated differently.

INTEGRALS

Integrals are solved numerically by the trapezoidal rule. This is a method that can be used for a set of individual
points, and is an accurate enough function available in the program. First the integral is solved over the blade,
r, on each azimuth angle, 1. Then the double integral is solved by integrating a second time over the azimuth

angle, v.

32 Delft University of Technology



LIFT SLOPE

The airfoil that is chosen has a stalling angle of 19 degrees. However, on some points on the disk the angle of
attack is higher than 19 degrees, indicating that this point is then in stalling conditions. The lift coefficient is
taken as Cr,a + Cr,_,. Thus for each point the angle of attack is checked. If the absolute value of the angle of
attack is higher than 19 degrees, Cr, + Cr,_, is set to zero. It is thus assumed that beyond this angle, the blade
generates no lift.

7.7.5. LOWER ROTOR

This third calculations block holds all the calculations performed on the lower rotor. The main part is equal to
the upper rotor calculations. The major difference is the different induced velocity due to the wake. A loop is
added in order to check whether the wake hits the lower rotor. If the distance f is larger than 2R the wake does
not hit the lower rotor, thus then the angle 9 is set to zero.

7.7.6. ITERATIONS FOR ROTOR SYSTEM OPTIMIZATION

The final step is to iterate for an optimal design. As the helicopter is mostly cruising, the rotor is optimized
for cruise. As there are many iterable parameters, some are first taken as constant. These are the radius, R,
and rotational speed, Q. These are taken constant as these are more difficult to iterate. Changing the radius
changes the force distribution over the blade requiring an iteration in order to find a new optimal structure.
The rotational speed has an impact on other subsystems, such as the gearbox design. This leaves the pitch
angles (0), the angle between the airspeed and rotor disk (a,), and the rotor disk offset (d). In case it is not
possible to iterate with only these parameters, the radius and rotational speed have to be adjusted.

STRATEGY
In order to meet the requirements, stated in section 7.2, the program is extended with a few extra commands:

* > Fy =0: To have force balance in y-direction equation 7.70 is used. The forces can be seen in figure
7.16. Both sides of the equation are printed in the program, as can be seen in figure 7.15, which are the
last two values on the first line (next to the first two values which are the upper and lower rotor thrust).
When these two values are equal, this requirement is met. This balance is reached mostly dependent on
the pitch angles, which increases mostly the thrust of the rotors.

(Ty + Ty) cos(ay) + (Hy + Hp) sin(a;) =W (7.70)

* Y Fx =0: There also has to be force equilibrium in the x-direction. This is done by using equation 7.71.
The parasite drag in this equation, D4/, is calculated using the Cp S value from the Mid Term report [8].
Both sides of this equation are also printed and indicated by a 5 in figure 7.15. Both values have to be the
same to meet this requirement. This equation is mostly dependent on the angle between the horizon
and the rotor disk, a;.

(Ty + Tp)sin(ay) = Dpgar + (Hy + Hy) cos(ay) (7.71)

* Cq, = Cq, : The torque balance is necessary so that no yaw motion is present. The torque of both rotors
are printed and have to be equal, as indicated by a 2 in figure 7.15.

* Cr,, = C1,,, * Inforward flight, the moment on the left half of the rotor disk has to be equal to the right
half in order to have equilibrium. This prevents that the helicopter will start to roll. This is approximated
by assuming that when the thrust coefficient on both sides are equal, the moment is zero or small. This
is mostly dependent on the cyclic pitch distribution. 8.1 and 8¢y from equation 7.36 are found by
iterating them until the program prints an equal value for the left and right half of the rotor thrust co-
efficient. For the upper rotor these values are indicated by a 3, and with a 4 for the lower rotor in figure
7.15.

* Preq < Ppudger - The power of the rotor system is printed (indicated by a 6 in figure 7.15) and has to be
equal or less than the budget power.

After this iteration is completed, the twist angle distribution is a fixed parameter of the design and has a slope
of -3 degrees. The radius and angular velocities remain the same and are 4.5 m and 432 rpm respectively. The
twist and radius can no longer be changed for other flight phases and are thus no longer iterable parameters.
A complete list of parameters can be found in section 7.8.
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[TuT1lWpossible W_aim] #1074
1 0.5754 0.5747 1.1451 1.1448

[0_u 0 1] *10*3
2 1.1857  1.1947

[UFPER ROTOR]
[Right C_T Left C_T]
3 o.oe3=  o.os3s

[LOWER ROTOR]
[Right C_T Left C_T]
4 o0.0838  0.0837

D par (fizxed - alpha r) *10°3
5 1.0738 1.0768

Total power regquired [kW]
6 108.1356

Figure 7.15: Example output of the program.

T+ T

Figure 7.17: Forces acting on the helicopter in climbing
Figure 7.16: Forces acting on the helicopter in forward flight.
flight.

OTHER FLIGHT PHASES

Besides cruise, there are more flight phases that has to be iterated for. There are several adjustments that have
to be carried out for each flight phase. The iteration process is the same as for cruise, but with less iterable
parameters. The radius and twist have to remain the same.

* Surveillance: In this phase the only change is the forward speed, which is 22 m/s.

* Hover: While hovering the forward speed is zero. The induced velocity is also different, as the assump-
tion that the wake is linear is no longer valid. This is explained in section 7.5.

e Climb: This is the phase that requires the most adjustments. The rate of climb is a requirement and is
4.57 m/s [8]. This gives an additional angle, the flight path angle y, shown in figure 7.17. The angle a,
is now the sum of the angle between the horizon and the rotor disk, and the flight path angle. The force
equilibrium equation in y-direction has to be iterated according to equation 7.72.

(Ty + Ty)sin(ay) = Dpar + (Hy + Hy) cos(a;) + Wsin(y) (7.72)

The iterations are performed for a range of velocities and are placed in Excel, as shown in figure 7.18. The
purpose of this plot is to find the velocity for which minimum power is required for climb. A quadratic
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Figure 7.18: Power-velocity diagram for the climbing phase.

function is chosen to approximate the set of points resulting from the iterations as it returned the highest
accuracy (R? = 0.992). As the power is a quadratic function of the velocity, this makes sense. The velocity
with the lowest required power is chosen from the curve in figure 7.18 resulting in a forward climb veloc-
ity of 24.42 m/s. This velocity is used for the final iteration in the program for the climb phase to arrive
at the final climb design results.

7.8. RESULTS OF ROTOR DESIGN ITERATIONS

In this section the results of the iterations for each flight phase are presented. For each phase, the requirements
have to be met as described in the previous section. The parameters are given in tables, with the following
definitions: T stands for the thrust and Q the torque. Cr,,, is the average thrust coefficient of the left half of
therotorand Cr,,,,, of therighthalf. 6, is the twist angle slope between the root and tip (starting on the root).
0cyc1 and Oy are the cyclic pitch coefficients (multiplied by sin(y) and cos(y) respectively). The maximum
and minimum value of the pitch angle is also given, indicated by the subscripts max and min. The angle a; is
the angle between the airspeed and rotor disk. The advance ratio, i, skew angle y and required power P are
also included in the tables. At last, the angle 4 is added, which is a measure of how much wake hits the lower
rotor. The Lock number, which is also an output, is not stated in the tables as it is constant for all flight phases.
Y has a value of 6.7.

7.8.1. CRUISE

The parameters that follow from the iterations for cruise are shown in table 7.4. This iteration is performed
with a cruising speed of 39 m/s and height of 1980 m [8]. The induced velocities are not stated here as it
depends everywhere on the rotor disk. The average induced velocity on the upper rotor (area 1 in figure 7.7)
is 1.34 m/s. The lower rotor induced velocity outside the wake (area 2) is equal to this value, while the wake
velocity on the lower disk (area 3) is 2.68 m/s.

The pitch angle is a combination of the collective, cyclic and twist angle. The total pitch angle distribution is
shown in figure 7.19. The line at the top is the root of the blade, while the line at the bottom is at the tip. All
other lines in between are linearly distributed over the blade span. Figure 7.20 shows the thrust coefficient
distribution over the blade span for both rotors. This is averaged over the azimuth angle . The twist angle
slope is adjusted until this distribution is linear. The first thing to notice is that the thrust distribution for cruise
is almost identical for both rotors. It can also be seen that the graph is not linear near the root, which can be
explained by the fact that the blade stalls at some points on the azimuth angle. However it is more important
that the distribution is linear near the tip, as here the most thrust is generated and a too high thrust at this
element is not desired.

The induced velocities of both the upper and lower rotor are shown in figure 7.21 and 7.22 respectively. In
these figures some elements are not shown, so that it is easier to follow the lines. The (almost) straight line
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Table 7.4: Parameters of the rotor system for the cruising phase.

Parameter | Upperrotor | Lower rotor | Unit
T 5263 5259 [N]
Q 1150 [Nm]
C1ypps 0.0584 0.0583 [-]
CT,igni 0.0584 0.0583 [-]
H 32.92 32.92 [N]
Orw -3 -3 [deg]
Ocyct -0.26 -0.27 [deg]
Ocyco 0.25 0.25 [deg]
0c01 7.83 7.93 [deg]
Omax 8.13 8.24 [deg]
Omin 4.47 4.56 [deg]
ar 6.23 [deg]
U 0.19 [-]
X 82.0 (deg]
0 40.6 [deg]
Preq 103.6 [kw]

Pitch angle distribution (Upper rotor)

«0® Thrust coefficient distribution
6 T T T T

50 100 150 200 250 300 350 0

v (deg) ¢
Figure 7.19: Pitch angle distribution of the upper rotor in
cruise. The distribution for the lower rotor is almost Figure 7.20: Thrust distribution of both rotors in cruise.
identical.

and the line with the most deviations stand for the root and tip location on the blade, respectively. As the extra
term in the induced velocity (see equation 7.13) is a function of the blade location and the azimuth angle, it
makes sense that the induced velocity at the root is constant for all angles. It can also be seen that the induced
velocities at an angle of 90 and 270 degrees are equal for all blade locations. This also makes sense, as in
equation 7.13 the term cos(y) is present. The difference between the two figures can clearly be seen and is
around an azimuth angle of 0 or 360 degrees. The range of this angle is exactly the same as the angle J as
calculated earlier in section 7.5. This represents the wake that hits the lower rotor. It makes sense that the
induced velocity in this area is higher compared to the upper rotor.

DISK OFFSET

The disk offset can be determined with the flapping angle of the rotor blades. The maximum angle can be
calculated by the program and is 5.0 degrees. Taking the worst case scenario, thus a positive angle for the
upper rotor and negative angle for the lower rotor (or both the opposite), the distance so that the blades do
not collide is simply calculated by equation 7.73. This gives a distance of 0.8 m. A safety factor of 1.25 is used
to compensate for additional effects such as vibrations or gusts of wind causing the blades to flap more. Thus
the disk offset is set on 1.0 m.

d = Rtan(p) (7.73)
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Figure 7.21: Induced velocity of the upper rotor in cruise.

Table 7.5: Parameters of the rotor system for the surveillance phase.

Induced velocity (Lower rotor)
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Figure 7.22: Induced velocity of the lower rotor in cruise.

Table 7.6: Parameters of the rotor system in hover.

Parameter | Upper rotor | Lower rotor | Unit
T 5240 5239 [N] Parameter | Upperrotor | Lowerrotor | Unit
Q 952 [Nm] T 3186 7277 [N]
C1ypp, 0.0481 0.0480 -] Q 1254 (Nm]
CTright 0.0481 0.0480 [-] CTleft 0.0291 0.0674 [-]
H 12.42 12.42 [N] CTright 0.0291 0.0674 [-]
Ot -3 -3 [deg] 0w -3 -3 [deg]
Ocyc1 -0.15 -0.16 [deg] Ocyc1 -0.02 -0.02 [deg]
Ocyco 0.25 0.25 [deg] Ocyco 0.25 0.25 [deg]
Ocor 6.31 6.37 [deg] 001 6.68 10.05 [deg]
Omax 6.54 6.61 [deg] Omax 6.87 10.24 [deg]
Omin 3.02 3.07 [deg] Omin 3.43 6.80 [deg]
ar 2.50 [deg] ar 0 [deg]
7 0.11 (-] u 0 [-]
X 82.8 [deg] X 0 [deg]
) 16.8 [deg] Preq 113.5 [kW]
Pregq 86.1 [kw]

7.8.2. SURVEILLANCE

The parameters that follow from the iteration for the surveillance phase are shown in table 7.5. This iteration
is performed with a speed of 22 m/s and height of 91 m [8]. The results show indeed a lower power compared
to the cruising phase, which is a sensible result. The skew angle y is decreased as compared to cruise, causing
a larger wake area intersecting the lower rotor disk, increasing the angle §. The average induced velocity on
the upper rotor (area 1 in figure 7.7) is 1.97 m/s. The lower rotor induced velocity outside the wake (area 2) is
equal to this value, while the wake velocity on the lower disk (area 3) is 3.94 m/s.

7.8.3. HOVER
NUMERICAL RESULT

The parameters that follow from the iterations for hover are shown in table 7.6. For this iteration, the forward
speed is 0 m/s and the height is assumed to be 0 m. The assumption that the wake is linear is no longer valid
(as explained in section 7.5), thus no angle 6 is shown. The resulting power makes sense, as it is higher for
cruise. The thrust ratio of the rotors, however, are far apart. The lower rotor also produces more thrust than
the upper rotor, which is expected to be the other way around. This can be explained by the assumptions made
for the induced velocities, as there is a large deviation in velocity between the wake and outer part of the lower
rotor. In section 7.10 it is verified that the calculations are correct, indicating that it is because of the strategy
used. The induced velocity on the upper rotor is 6.29 m/s. Outside the wake on the lower rotor the average is
6.05 m/s, while inside the wake the average induced velocity is 15.7 m/s. The H-force in hover is 0 N, which is
expected.
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Figure 7.23: Graphical determination of the upper rotor
hover thrust coefficient.

Figure 7.24: Graphical determination of the lower rotor hover
thrust coefficient.

GRAPHICAL RESULT

The hover thrust ratio is calculated with the use of the upper rotor induced velocity given by equation 7.6 and
the lower rotor induced velocities given by equations 7.6 and 7.7. However, a graphical approach for deter-
mining the hover thrust coefficients of the rotors is also possible. Instead of using equation 7.6 representing
the upper rotor induced velocity as a function of the maximum take-off weight, equation 7.3 is used. The first
step is to write the induced velocity across the upper rotor as a function of the upper rotor thrust coefficient
as shown in equation 7.74, starting from equation 7.3. From the upper rotor induced velocity as a function of
Cr, in equation 7.74, the induced velocities across the lower rotor inside and outside the upper rotor wake are
found as a function of Cr, by substituting equation 7.74 into equations 7.75 and 7.76.

CT mR2(QR)?2 CTu
Vind,u = 2 p — o _n2 =QR (7.74)
pA 2p7R 2
7
(Vind,l) wake — 16 Vznd u (7.75) Vind,l = 16 Vind,u (7.76)

Since the upper and lower rotor thrust coefficients always depend on the induced velocity distribution across
them, which in the present discussion is in turn a function of the upper rotor thrust coefficient, a graphical
method is used to determine the solution of the set of equations given by 7.77 and 7.78 for the upper rotor and
7.79 and 7.80 for the lower rotor.

1

2 Lor?[C C
777 y= f(CTu)_ff 1 30 [Creosid) - DSln((P)]dwdr

y=f(Cr,)=Cr, vy (7.78)
V2 p2n 152[C C
y= FCr) _f f 1 30T [ Laacosi(p) Do SIN(¢) ] dvdr
y=f(Cr)=Cr, (7.79) cos”(¢) (7.80)
2 1 3012 [Cr, acos(¢p) — Cp, sin(¢)]
f f > dydr
V2 cos” (¢)

The graph in figure 7.23 plots the functions given by equatlons 7.77 and 7.78 to find their intersection. The
coordinate of the intersection indicated by the arrow in figure 7.23 graphically represents the upper rotor thrust
coefficient in hover. Likewise, the graph in figure 7.24 plots the functions given by equations 7.79 and 7.47 to
determine the thrust coefficient of the lower rotor in hover. The integral functions given by equations 7.78
and 7.47 have been plotted numerically by evaluating them for 1000 values for Cr, in the interval [0 — 0.005].
From the intersection points in the graphs in figures 7.23 and 7.24, the thrust coefficients of the upper and
lower rotors in hover have been found to be equal to 0.00125456 and 0.00171587 respectively. These have been
found by zooming in to the intersection point several times after the graph was plotted in python. Therefore,

it can be concluded that from the graphical method the thrust ratio T% is approximately equal to 1.368.
Coaxial rotor hover momentum theory predicts a thrust ratio of % = 0.696, according to equation 7.2. The

numerical result for hover shown in table 7.6 gives a thrust ratio of % =2.284. Ttis therefore evident that general
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Table 7.7: Parameters of the rotor system in climb.

Table 7.8: Parameters of the rotor system for maximum speed.

Parameter | Upperrotor | Lower rotor | Unit Parameter | U i
pper rotor | Lower rotor | Unit
T 6147 4604 (N] T 5287 5286 [N]
Q 1634 [N Q 1512 [Nm]
CCneﬂ g.gggi g.gii H Crior 0.0587 0.0588 [-]
Tright . ; _ Cyigne 0.0587 0.0588 L)
i 39.03 33.85 (N] 72 55.42 55.41 (N]
01 3 -3 [deg] 0, 3 3 [deg]
Ocyer 0.12 -0.08 [deg] Ocyer -0.30 -0.30 (deg]
Ocyc2 0.25 0.25 [deg] 00 ve 0.25 0.25 [deg]
Ooor 8.65 8.32 [deg] T 8.97 9.16 [deg]
Ormax 8.87 8.52 [deg] ol ) '
O max 9.30 9.49 [deg]
Omin 5.37 5.06 [deg] Omin 5.57 5.77 [deg]
y 10.8 [deg] p” 9.2 [deg]
o 13.6 (deg] " 0.23 B
T 0.12 -] P 79.7 [deg]
X 72.8 [deg] 5 99.0 (deg]
5 198.4 [deg] Prog 104.6 (kw]
Preq 147.9 (kW]

coaxial momentum theory and the used blade element theory provide rather deviating results for hover, the
alternative graphical result being closer to the momentum theory prediction than the main numerical blade
element solution discussed throughout this chapter. However, it should be mentioned that the numerical and
graphical solution methods for the evaluation of the hover thrust coefficients are based on input parameters
being selected such that all iteration requirements mentioned in section 7.7.6 are met. This means that the
inputs are iterated such that the results gained for T, and T; also meet for example the total rotor torque
sharing and power budget requirements for hover. Apparently, to meet all requirements from section 7.7.6, it
does not necessarily mean that the numerical and graphical rotor thrust sharing results originating from blade
element theory match the momentum theory thrust sharing prediction in hover.

7.8.4. VERTICAL CLIMB

The iteration for vertical climb is done with a forward speed of 24.42 m/s which is for the lowest power, as
explained in section 7.7. The height is set on the point which will result in the highest power required. This is
at 0 m. This is done because the rate of climb has to be achieved at every height in climb. The results are shown
in table 7.7. There is a large difference between the thrust, which can be explained by the large influence of the
wake. As the angle a;, is relatively large and the skew angle y is low, the angle ¢ is high. The power required is
also high. This could be due to the required rate of climb, pushing the design to its limits.

7.8.5. MAXIMUM SPEED

The maximum speed can also be determined. At the point of this iteration it is known from the propulsion
design, as explained in chapter 8, that the maximum power is 140.6 kW. Thus this power is taken in order
to determine the maximum speed the helicopter can achieve. The height is taken as 1980 m, as a decrease
in altitude lowers the maximum speed and this is the maximum height in the mission. This results in the
parameters shown in table 7.8. The resulting maximum speed is then 48.3 m/s.

7.9. SENSITIVITY ANALYSIS

The script written in MATLAB has to be iterated manually until the requirements are met. If the weight of the
helicopter is changed by 1 kg in the program, the output is almost the same. A more interesting analysis is to
change the weight by a larger number. A change of 100 kg is chosen, after which a table is made to compare
the results. The iteration is done with a weight of 1167 kg in cruising conditions. The results are shown in table
7.9. The average is taken if the upper and lower rotor have different parameter values. Several conclusions can
be drawn from this comparison. An increase in weight increases the thrust, torque and pitch angles in order to
compensate for the extra force required. The cyclic pitch is decreased as well as a ;. The skew angle is increased
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Table 7.9: Sensitivity table compared to cruise with a change in weight of 100 kg.

Parameter | Upperrotor | Lower rotor | Unit | Difference [%]
T 5754 5747 [N] 9.3
Q 1195 [Nm] 4.3
CTlm 0.0638 0.0637 [-] 8.5
CT”.gm 0.0638 0.0637 [-] 8.5
O -3 -3 [deg] 0
Ocyc1 -0.29 -0.30 [deg] -11.1
Ocyco 0.25 0.25 [deg] 0
Oco1 8.05 8.13 [deg] 2.7
Omax 8.37 8.46 [deg] 2.8
Omin 4.67 4.74 [deg] 4.0
ar 5.7 [deg] -9.3
u 0.19 [-] 0
X 82.3 [deg] 0.4
o 30.4 [deg] -25.1
Pregq 108.1 [kW] 4.3

slightly, thus decreasing the wake effect on the lower rotor (and thus a lower §). The power is increased by 4.3
%. Averaging over the 100 kg, the increase in power required for 1 kg of added mass is 0.043 % or 0.045 kW.

7.10. VERIFICATION AND VALIDATION

In this section the verification and validation procedure and corresponding results are explained. Verification
is mostly aimed at debugging the numerical program, while validation compares the results to reference data.

7.10.1. VERIFICATION
The verification procedure is split up in two parts; code and calculation verification.

CODE VERIFICATION

Manually calculating every function is a difficult task and not always possible in order to verify the program.
Thus the program is gone through step by step. At every block the functions are evaluated, usually by graph-
ically plotting the resulting values. Some of these graphs are shown in the design results, in section 7.8. The
pitch angle calculations can be checked, by looking at the graph in figure 7.19. The linear distance between the
lines represent the twist angle distribution, while the cyclic pitch gives the periodic behavior that looks like a
wave. The collective pitch is the average in this graph. By manually checking the values, such as the average of
the pitch angle distribution (which gives the collective pitch plus half the twist distribution value), the code for
these angles can be verified. The induced velocity graphs in figure 7.21 and 7.22 can also be used to verify the
code. As the function for the induced velocity is dependent on the cosine of the azimuth angle, it is expected
that all values are equal at 90 and 270 degrees. Also the average has to lie on the root of the blade, as there r
= 0. For the lower rotor it is expected that the induced velocity is higher near an angle of 0 degrees, which is
indeed the case. The range where the induced velocity is higher is exactly the angle §, representing the angle
where the wake hits the lower rotor. This strategy is used for almost all equations implemented in the program,
checking whether the output makes sense and the values are as expected.

CALCULATION VERIFICATION

The program is simplified in order to verify the calculations. The skew angle is set on 90 degrees, thus indi-
cating that the wake has no influence anymore on the lower rotor. The program then returns results that are
equal for both rotors, indicating that the calculations performed in both rotor blocks are correct. Then the
velocity is set to zero. Iterating for this point gives an @, angle of 0 degrees. This has to be true, as these are
hover conditions. Thus after these steps are taken, the program is verified and is concluded to be correct.
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Figure 7.25: Experimental wake determination for coaxial (left) and single rotor (right) systems at different advance ratios. [23]

7.10.2. VALIDATION

After verification, reference data needs to be used to validate the code for its intended use. As in the present
case no experiments are readily available for validation, reference parameters from similar coaxial rotorcraft
need to be selected. To validate the program, the Kamov Ka-15 coaxial reference rotorcraft is chosen and its
main design parameters are implemented as inputs in the program to investigate whether the program output
required power is below the maximum given available power installed in the Kamov Ka-15. The parameters of
the Kamov Ka-15 are: MTOW = 1410 kg, Vj;4x =42 m/s, R =4.98, c=0.24 m, Q =397 RPM, d = 1.13, N, =3
and K4, = 3000 m [22]. The result after some iterations in the program is a required power of 151 kW for the
rotorcraft operating at its maximum altitude and maximum speed for which the required power is expected
to be maximum. As the total installed power is given to be 190 kW [22], one can conclude that the estimate of
151 kW required is a decent approximation, as the installed power always needs to be higher than the required
power because of safety factors applied in the design. A recommendation for a complete validation would be
to repeat this process for many existing helicopter designs, and also to validate not only the power but many
other parameters as well. However, most parameters (not being the most basic ones) are often hard to find
from technical data sheets on the Internet and have therefore not been considered for the present validation.
The thrust ratio TT'I‘ is an interesting second parameter to be validated. This ratio is nearly 1 for cruise and
surveillance conditions, while for hover it reduces to a value below 1. Looking at reference coaxial rotor sys-
tems, this ratio is often above 1 for all conditions, as explained previously. Therefore, it can be concluded that
the thrust ratio can not be validated at the moment. A proposed recommendation is that a more thorough
code verification would need to be performed with respect to the calculation of the thrust ratio before its val-
idation. In particular the wake approximations and corresponding assumptions would need to be verified in
more detail. Wind tunnel experiments could also be performed for hovering coaxial rotors to determine the
induced velocity variations for validation purposes.

Another interesting characteristic is the skew angle. In nearly all mission phases it is observed to be quite high:
around 80 degrees. In figure 7.25 [23] experimental wake geometries of a coaxial rotor system in forward flight
are shown for different advance ratios. The figure illustrates that a large skew angle already exists at an advance
ratio of only 0.12. The surveillance and cruising mission phases of the H2Copter have advance ratios of 0.11
and 0.19 respectively, which means that the magnitude of the skew angle is reasonably validated. All other
parameters, except the ones hard to find from experimental data, are well within reasonable values, such as
the power for different flight phases (hover always requires more power than cruising conditions and the power
for surveillance is lower than for cruise).
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PROPULSION

In the following chapter, a description will be given of the design process of the propulsion subsystem of the
helicopter. A schematic overview of the subsystem is given in figure 8.1. It consists of several parts that will
be treated in their respective subsections. The main task of the propulsion subsystem is to provide adequate
power to the rotors during all phases of flight. The chapter is structured as follows: the design of the compo-
nents starts at the motors and follows the schematic in figure 8.1 towards the fuel tank.

8.1. ELECTRIC MOTOR

An electric motor is required to drive the rotors. In order to simplify control, it was decided that the rotors
should be driven by a separate motor. It would be best to custom-design a motor that fits the needs exactly.
There are methods to custom-design electric motors, but the group does not have the electrical engineering
expertise to follow these methods. It was decided that this is outside the scope of the project. It is required to
select a third-party motor.

8.1.1. MOTOR TYPE SELECTION

The motors that were considered are shown in table 8.1. For all motors, the highest-performing type was
selected.

With the exception of the US hybrid motors, all commercially available motors that were found are synchronous
AC motors. An attempt was made to find a trend of the specific power. Figure 8.2 shows the specific power of
the motors, together with the maximum continuous power. It can be concluded from this figure that the spread
in specific power is too large to make a useful prediction of this value, even if only motors of the same type are
considered. When motors of the same manufacturer are compared, there is still a large spread. Therefore, it
is decided that interpolating between existing motors would provide too little confidence that the design is
feasible. An existing motor will be selected.

In figure 8.2, the required power is also shown. The lightest solution is to use two Enstroj EMRAX 207 motors
per rotor. This would lead to a total motor weight of 18.6 kg per rotor. However, using two motors per rotor
would complicate the design of the gearbox considerably. The second lightest solution is to use the Enstroj
EMRAX 268 motor, with a weight of 20.3 kg. It was found that using this motor is more convenient than using
the two EMRAX 207 motors, because of the simplification of the gearbox design. Compared to the third lightest

Table 8.1: Commercially available motors. Specific power is based on continuous power.

Manufacturer | Model Power (kW]  Efficiency [%] Max. speed [rpm] | Mass [kg] Spec. power [kW/kg]
YASA 400 [24] 75 95 7500 24 3.13
YASA 750 [25] 75 95 3250 33 2.27
YASA 250 [26] 65 95 9000 18 3.61
US Hybrid EDU200 [27] 85 93 7200 176 0.48
US Hybrid GCU100 [28] 80 0.96 3000 65 1.23
Enstroj EMRAX 207 [29] 40 93-98 6000 9.3 4.30
Enstroj EMRAX 228 [29] 55 93-98 5500 12.3 4.47
Enstroj EMRAX 268 [29] 90 93-98 4000 20.3 4.43
GKN/EVO AF-130 [30] 64 95.1 8000 30.5 2.10
GKN/EVO AF(M)-140 [30] 75 96.5 5000 40 1.88
GKN/EVO AF-230 [30] 200 95.1 8000 57.5 3.48
GKN/EVO AF-240 [30] 150 96.5 5000 80 1.88
Protean Drive [31] 54 0 0 34 1.59
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Figure 8.2: Specific power of commercially available motors.

motor option, the YASA 400, the EMRAX 268 has a lower rotational speed, which is also advantageous in terms
of gearbox design. Therefore, the decision is made that the Enstroj EMRAX 268 motor will be used on the
H2Copter.

The selected motor is a brushless synchronous three-phase AC motor. The working principle of an AC syn-
chronous motor is shown in figure 8.3. There are three sinusoidal input currents, with a phase shift of 120 °.
Each of the signals is connected to a fixed electromagnet on the stator, that causes a magnetic field along one
axis. The magnetic field axes are also 120 ° apart. The magnetic fields of the three magnets can be added.
Because the inputs are phase shifted, the resulting magnetic field will be rotating with a constant amplitude.
The permanent magnet in the middle is locked to this magnetic field. This causes the middle part, the rotor, to
rotate. In reality, the stator electromagnets are coils with a sinusoidal winding distribution, to make sure the
magnetic field has constant amplitude. The selected motor is an axial flux motor, which is a variation to this
concept. This concept still requires three sinusoidal inputs.

8.1.2. MOTOR CAPABILITIES

In order to clarify the behaviour of this motor type, figure 8.4 shows the performance curve of a similar type of
motor. It can be seen that the torque that can be delivered by the motor is constant when the motor speed is
not too low or high. This torque is known to depend on the root-mean-square (rms) current that is delivered to
the windings. The amount of torque per current is a characteristic value for a motor. The output power is then
linearly dependent on the motor speed. It should be noted that the maximum power cannot be delivered at
every motor speed. The maximum torque cannot be delivered continuously; the maximum continuous torque
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Figure 8.4: Power characteristic of the EMRAX 228 motor.

is lower.

Table 8.2 shows some data on the different types of EMRAX 268 motors. The motor types are characterized
by their voltage level and cooling type (e.g. EMRAX 268 HV-CC). There are three cooling types for the motor:
air cooling, liquid cooling and combined (air and liquid) cooling. The air and liquid cooling variants also
exist for the MV and LV motors, but they are not shown. It can be seen that combined cooling leads to much
higher continuous power, at the expense of 400 g compared to air cooling. Although this poses more stringent
requirements on the cooling, it reduces the motor speed, so it makes the gearbox much lighter. It was decided
that the air and liquid cooling variants are not suitable for the design. The low voltage variant was discarded
due to the very high current (500 A) that was required to operate the motor. Higher currents inevitably lead to
higher losses in the controller.

The efficiency can be obtained more accurately from figure 8.5. Enstroj does not provide such an efficiency
plot for the EMRAX 268 motor, but it does provide plots for the similar EMRAX 207 and 228 motors. Figure 8.5
refers to the EMRAX 207 motor. It can be seen that it is possible to operate at an efficiency of 96% at maximum
continuous torque between 1500 and 3500 RPM. The lowest efficiency is 86%. Because these plots are similar
for the EMRAX 207 and 228 motors, it is assumed that these efficiencies are also obtained by the EMRAX 268

motor.
Table 8.2: Data on the different types of Enstroj EMRAX 268 motors [29].
High voltage (HV) Medium voltage (MV) | Low voltage (LV)

Cooling Air (AC) Liquid (LC) Combined (CC) Combined (CC) Combined (CC)
Weight [kg] 19.9 20.3 20.3 20.3 20.3
Continuous power [kW]

at 2000-4000 RPM 40-75 40-75 50-90 50-100 50-90
Continuous current [Aph RMS] 125 125 125 180 500
Maximum rotational speed [RPM] 4000 4000 4000 4000 4000
Torque per current [Nm/Aph RMS] 2 2 2 1.4 0.5
Motor efficiency [%] 93-98 93-98 93-98 93-98 93-98
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Figure 8.5: Efficiency map of the EMRAX 207 motor.

When looking at figure 8.4, it is clear that the required motor speed for a given continuous power can be ob-
tained by means of linear interpolation between the points given in table 8.2. This is given in equation 8.1.
When the power and the motor speed are known, the torque follows from equation 8.2 and the current follows
from the torque per current 7 according to equation 8.3. This current is given in Aph RMS, which represents
the root-mean-square value of the current per phase. The voltage in a three-phase circuit can be defined as
the line-to-line voltage or the line-to-neutral voltage. Equation 8.4 [32] is used to compute the line-to-neutral
voltage. In this equation, I and Vi are both RMS values. PF is the power factor caused by the phase shift
between voltage and current. Synchronous AC motors generally have a high power factor [33], which is con-
sidered a good feature. The lowest power factor from [33] (0.72) is taken to be used in this equation. This is
actually a relatively low value. A minimum efficiency of 7 = 0.86 is assumed to arrive at the power delivered to
the motor, and an additional factor of 1.2 is used to make sure that the equipment is not destroyed at higher
voltages.
Q= Pour — Prow (
Pp; gh— Piow
Pour =TQ 8.2) T=1I (8.3) Pour =3IViNnPF (8.4)
Using these equations, It is calculated that the HV motor operates at a rotational speed of 3200 RPM, a phase
RMS current of 110.4 A and has a maximum required line-to-neutral voltage of 432.9 V. The MV motor requires
a motor speed of at least 2960 RPM and a phase RPM current of 170.5 A. The maximum line-to-neutral voltage
of this motor is 280.3 V. Both motors are currently considered feasible. There is a slight preference for the
HV motor due to the lower current required, but the selection will depend on the possibility of providing this
voltage and current by the fuel cell and controller.

thgh - Qlow) +Qow (8.1)

8.2. MOTOR CONTROLLER

While the motor requires a three-phase alternating current, the fuel cell delivers only DC. A motor controller
is used to convert the DC input to an AC output of the correct frequency and amplitude. The controller is
essentially a controllable three-phase inverter. In order to demonstrate the working principle, figure 8.6 shows
an example the output of a single-phase inverter.

On the input of the inverter, there is a DC voltage V;. The inverter can invert this voltage by switching the poles.
It does so at a regular switching frequency f; = Tls Within the switching interval, the output changes between
positive and negative once, resulting in a pulse-width modulated (PWM) signal. The required AC signal is
the first harmonic of the PWM signal. A three-phase inverter works slightly differently, but the principle of
operation is the same. It is important to realize that the output voltage of an inverter has a maximum, which
is regulated by (but not equal to) the input voltage. There is no minimum: bringing the input voltage down is
possible without significant additional power losses. The motor controller is able to control the amplitude and
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Table 8.3: Different types of the motor controller [35].

BAMOCAR-D3-
Type 400-250 400-400 700-250 700-400
Input voltage [V] 24-400  24-400  24-700  24-700
Maximum output voltage [V] 260 260 450 450
Voltage ratio [-] 0.65 0.65 0.65 0.65
Maximum output current [Aph RMS] 125 200 125 200
Dissipation [kW] 2.0 3.0 2.6 4.0
Weight [kg] 5.8 6.8 5.8 6.8

frequency of the output signal.

The motor manufacturer Enstroj recommends to use the UNITEK BAMOCAR D3 controller. An alternative is
the Gen4 Size 10 controller by Sevcon [34], but it has comparable performance at a higher weight. A constraint
on the controller is that it must be able to deliver the line voltage and current that are required for the motor.
It must be able to do so with a range of input voltages, since the fuel cell output is not constant.

As explained previously, the output voltage of the controller requires a minimum input voltage. This voltage is
not equal to the output voltage, due to the three-phase topology and limits on the on-time of the switches of
the inverter. The maximum ratio between input and output voltage was determined by looking at data on the
controller. The different types of the recommended controller are given in table 8.3.

The controller comes in a high and medium voltage type, which both have a high and medium current variant.
The higher current variants come at the price of 1 kg extra weight. The two possible motors have been matched
with the possible controllers. For the HV motor, the maximum required line voltage is 432.9 V, as explained in
section 8.1. Using the voltage ratio in table 8.3, this leads to a minimum input voltage of 666.0 V. The input
voltage, however is limited by the maximum input voltage of the controller, which can be no more than 700 V.
The fuel cell is not able to keep the voltage within such a small range, so the high voltage motor is not suitable.
A DC/DC converter can solve this problem, but converters for this power level are very heavy. The MV motor
requires at least 280.3 V, leading to a minimum controller input of 436.1 V. The high voltage controller can
handle an input voltage of 700 V. The range of 436.1 to 700 V is large enough for the fuel cell. The current of
170.5 A can be delivered by the high current variant. This is a suitable combination. Summarizing, the selected
motor is the Enstroj EMRAX 268 HV with combined cooling and the controller is the UNITEK BAMOCAR-D3-
700-400.

8.3. FUEL CELL STACK

The fuel cell stack consists of multiple cells that are connected in series to provide the desired power output.
The type of fuel cell that is going to be used is a Proton Exchange Membrane Fuel Cell (PEMFC). This fuel
cell is most commonly used for transportation purposes because of his relatively low weight and operating
temperature. Properties of the fuel cell used in the Honda Clarity have been used since this is a good example
of contemporary fuel cell [36].

The behaviour of an individual cell with respect to current and voltage is shown in figure 8.7a. Every point
on this curve corresponds to a certain combination of external load and fuel flow rate. The cell voltage at
maximum gross power is a design choice, and it will be the main variable in the optimization of the fuel cell
system. The second variable is the internal fuel cell pressure. Multiplying the cell current density with the cell
voltage, gives the cell power density, as can be found in figure 8.7b. It can be seen that performance improves
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Figure 8.7: Properties of an individual fuel cell [36], based on the Honda Clarity.

with increasing operating pressure.

The fuel cell stack has been designed to minimize the overall fuel cell system weight. This system comprises
of the stack, the fuel tank, the fuel, the cooling system and the balance of plant (BOP) for both the fuel cell
stack and the fuel tank. As stated in the previous paragraph, the cell voltage at maximum gross power and the
internal fuel cell pressure are the main design variables. Some other design variables were chosen to be held
constant, as they had been shown to maximize the power output of a cell, without a penalty in parasitic power
or weight [37]. For instance, the operating temperature of the fuel cell has been set to 80° Celsius.

The fuel cell stack has been sized using the approach described by Datta and Johnson in [36]. The stack needs
to be capable of delivering a maximum net power (P.;) of 148 kW, as specified in the MTR [8]. This is the
power required by the helicopter to maintain a climb rate of 900 ft/min, including 5% transmission and other
losses. This means that a power of 140.6 kW will be delivered to the rotor. Afterwards, it is corrected for the
achieved transmission loss, which was 8.32%. This results in a net design power of 153.4 kW. However, the fuel
cell should also be able to keep itself and all necessary sub-components running. The total power required is
defined as the the gross power Pgrqs. It includes the net power, the compressor power and additional losses.
An overview is shown in equation 8.5. Because the fuel cell will operate at an elevated pressure, it requires a
compressor to supply compressed air that is used in the electrochemical process. A small amount of power can
be recovered from the compressed air by using an expander at the end of the cycle, which results in a reduction
in gross power. Using the procedure Datta and Johnson propose, Py, is estimated to be 5% of Pgyoss.

Pgross = Pper + (Pcomp - Pexp) + Pothers (8.5)

With Py, fixed and Pypers being a function of Pg; s, the gross power depends on the compressor and ex-
pander (CE) powers. Assuming isentropic compression and expansion, the power required by the CE is defined
by equation 8.6. The equation presented here is an adaptation of the standard isentropic relations as found in
[38].

k_ .
( Pstack Tl) 1) Tambient'cp'wA

Pambient

Pcp= (
Ncompressor
k-1 (8.6)

(( Pambient ®

+1)'Tsmck'c (Wa—1wo)n d
p expander
Pstack — Pioss )

Pcg equals the required compressor power minus the power retrieved from the expander. In the above equa-
tion pampient i the ambient pressure, pg;qck is the pressure in the stack and pj, is the assumed pressure loss
over the air flow cycle from the compressor to the expander. T, piens and Ts;qck denote the ambient and the
stack temperatures respectively. The mass flow of air is denoted by 14 and the oxygen depletion rate is de-
noted by . Both are expressed in kg/s. The constants ¢, and k, the specific heat and the specific heat ratio
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Figure 8.8: Schematic overview of the sizing of the power (Diamond blocks define loop inputs, trapezoidal blocks indicate converged
outputs, the remaining blocks define calculation steps within the loop.

respectively, are those for dry air. Although the air in the expander will be moist because of the water vapor
that is produced in the fuel cell, the dry air assumption does not imply large discrepancies. Because of the
water vapor, the mass flow will increase slightly, and therefore the expander is believed to deliver more power
than calculated.

Because of the interdependence of the gross power and the mass flow rate of air, and therefore the CE power,
the following procedure has been used for power sizing. Following the scheme presented in figure 8.8, the
cell voltage at max power and the maximum required net power are defined as input first. Secondly, using
an estimate of the gross power, the relevant mass flows are computed as shown in [36]. Using those flows,
the required CE power is obtained through equation 8.6. Then, the new gross power is calculated. Using the
new gross power, the mass flows are calculated. This creates a loop that is repeated until convergence of gross
power is obtained.

Using the cell voltage as input, at a predefined stack pressure, the gross power during climb can be obtained.
The gross power and the cell power directly size the fuel cell mass according to equation 8.7. Here, n. denotes
the number of cells and A the cell area. These two variables can be kept undefined throughout the weight
sizing routine, as they will only appear together as n.- A. Ls and W denote stack volume (m®) and stack
weight (kg) respectively. The parameters . (cell thickness), p. (cell density)and ¢ (porosity) are assumed to be
constant 2.224 mm, 1988 kg/m3 and 0.6 respectively [36]. The cell power p. can be obtained from figure 8.7b.
Now the stack size is known, the fuel flow can be obtained for all flight phases, given the required net power
during these parts of the flight profile. Multiplying the fuel flow with the flight time per phase, produced a
total fuel mass that needed to be stored on board. Using the relationship between tank weight and fuel weight,
which is defined in section 8.6, the fuel tank weight can be calculated.

neA= Perossmas . Ly=ncAt, ,  Wy=Lipeé (8.7)
Pc

In figure 8.9 the variation of fuel cell system weight with design cell voltage at maximum power is shown. The
weight of the individual components is shown in the lower part of the graph. In this optimization the weight
of the radiators is also taken into account. An approximation is made on the weight by linearization about a
reference point. Details of how the radiator weight is calculated can be found in section 8.5. The Now, only
the fuel stack dimensions remain unknown and need to be defined. The individual cells are assumed to have
a standard thickness, therefore only the number of cells and the frontal area of the cells can be altered. These
parameters depend solely on the design voltage of the complete stack. It is required that at maximum power,
when cell voltage is lowest, the stack voltage does not fall under 440 V and at low power, thus high cell voltage,
the stack voltage will not rise above 700 V. This constraint stems from the converters and electric motors. Since
the individual fuel cells in the stack are in series, the cell voltages add up to the stack voltage. With the number
of cells the cell area is calculated and a square cell is assumed. This resulted in the fuel cell explained in table
8.4. For packaging purposes, the stack was divided in three parts and put next to each other, which made the
final dimensions 630 x 750 x 250 mm. The fuel stack performance during the major flight phases is shown in
table 8.5.

8.4. FUEL CELL BALANCE OF PLANT

Apart from the fuel cell stack, described in section 8.3, other components are required to keep the fuel cell
running. These components range from simple valves, to humidifiers and condensors. Although these will
have to be designed in detail during further design stages, in this report only an estimation will be made. The
compressor and expander (CE), sized in section 8.3, will be treated in more detail. Off-the-shelf parts will be

48 Delft University of Technology



Fuel cell component weights
600 T T T T

500

=
1<)
o
T
1

Total system weight

Fuel cell stack weight

Fuel tank weight (including fuel)
Radiator weight R
Balance of plant weight

® 4 B O

mass [kg]
w
o
(=]

ye)
o
o

bAAAAAAAAALAAGAALALAAL L, A,
1 ml
SSSEEsssEsEgEmEEEEEEEESE

100/ ®®®°00esescnsnscccccnec®?®

YV 9 vvy
VVT"""V"""V"V"VV"""'"""V‘

1 1 1 1 L
&40 0.45 0.50 0.55 0.60 0.65 0.70
cell voltage [V]

Figure 8.9: Optimization of the fuel cell, fuel tank and cooling system combined. Kinks in the graph is because of roughness of data.

Table 8.4: Specifics of the fuel cell stack at maximum power.

Parameter Value | Unit
Number of cells 850 [-]

Cell Area 0.0625 | [m?]
Design cell voltage 0.53 [Vl
Design cell current density | 6600 [A/m?]
Stack volume 118 [L]
Stack weight 140.9 kgl
Fuel weight 17.4 [kg]

used for its design. These components are referred to as the balance of plant (BOP) of the fuel cell.

From [36] it had been identified that the CE is the heaviest component within the BOP. To maintain a high fi-
delity of design, the CE has been designed in more detail than the remaining components in the BOP. However,
the design of turbomachineryis a complex and time consuming task. It has therefore been decided that the se-
lection of off-the-shelf products would be the most efficient design procedure. The CE has to provide adequate
pressurization at the required air flow rates. Furthermore, no contamination of the airflow is allowed, because
the fuel cell stack is very sensitive to impurities. Opcon Autorotor has experience in the design of CE’s for fuel
cell applications, and they provide compressors that are adequate for application in the H2Copter [39]. It has
been assumed that the expander is of the same weight as the compressor. The pressure difference between
inlet and outlet, and the air flow rate are both very similar to those of the compressor, therefore justifying the
assumption.

In climb, the CE requires 22 kW to compress the air flow. The required power will be provided by an electric

Table 8.5: Power and fuel flow during the four different flight phases.

Flight Phase | P,.; | Pcg Pgross | V WH wa Iphase
kW] | kW] | [kW] [V] [g/s] [g/s] | [s]

Climb 153 219 | 185 451 | 3.65 313 846
Cruise 126 13.0 | 147 534 | 245 210 4194
Descent 51 421 | 58 655 | 0.793 | 68.0 | 846

Surveillance | 106 8.77 122 577 | 1.87 160 1800
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Table 8.6: Balance of plant components and their respective weights.

Component Subcomponents Weight [kg]

Compressor [39] 15.0

Expander 15.0
Compressor/Expander (CE) | Electric motor [40] 7.3
Motor Controller [41] | 6.8
Driving belt 0.5

Remaining BOP 38.7

Total BOP 83.4

motor. For this purpose, the ES-LAK-M100 by LZ design [40] has been chosen. Its low weight and adequate
power make it a suitable choice. Next, a compatible controller was chosen accordingly.

The remaining components of the BOP were assumed to size linearly with the fuel cell stack weight. For this
procedure, the relative weight of the BOP from the fuel cell in [36] has been used as a baseline. It has been
calculated that the BOP is 27.5% of the fuel cell stack weight. Table 8.6 provides an overview of the components
and weights in the BOP, including the weight of the CE. It has to be mentioned that, contrary to Datta and
Johnson, the cooling system is not considered a part of the BOP. It will be treated in section 8.5.

8.5. COOLING

The fuel cell has to be working at a temperature of 80 °C exactly to have an optimal performance. When the
temperature only increases to 85 °C the delivered cell power will be less, while a temperature of 100 °C generally
causes irreparable damage [37]. Not only the fuel cell, but also the electric motors as well as the controllers
require active cooling to keep the temperature within acceptable range. The stated systems are being cooled by
water in combination with a compact heat exchanger, which is a typical cooling system in both automotive and
aviation. Water is pumped through the helicopter in order to heat up and move the heat to a heat exchanger,
through which outside air will flow to cool down the water again. This type of heat exchangers is called a
crossflow radiator.

REQUIRED HEAT RATE

The inefficiency of the controllers and the electric motors cause a total heat rate of 23.6 kW [29, 35]. The
DC/DC converters generates heat as well, but since this is only 53 W [42], it is assumed that it will cool itself.
The rate for the self-designed fuel cell has to be calculated by hand. The efficiency of the fuel cell stack can be
calculated by equation 8.8 [36].

Npe= Uc,design 8.8)
Uc theoretical
The theoretically achievable cell voltage v theorerical, according to the chemical reaction, is 1.47 V for a fuel
cell that delivers liquid water as output. The cell voltage at maximum power is 0.53 V. The equation results in
an efficiency of only 36%. When the fuel cell delivers 148 kW net power, or 185 kW gross power, the waste heat
is 328 kW. Combining this result with the earlier mentioned rates, the cooling system will have to deal with 348
kW when the helicopter is flying at full power.

HEAT EXCHANGER SIZING

To size the radiators that will be in contact with outside air, at first some conditions of the cooling system have
to be specified. The specific heat capacity ¢, of the chosen cooling fluids, air and water, are 1005 and 4190
J/kg-K respectively. When this value is multiplied by the mass flows #z of the fluids, as in equation 8.9, the heat
capacity rates are obtained in W/K. These are the rates at which the fluids are capable to store waste heat. The
mass flows are design parameters for the radiator; higher flow rate results in easier heat removal but requires
larger pumps or fans to move this amount. Now C* can be calculated with equation 8.10, which is the ratio
between both the lowest capacity rate and the highest.

, c*r = Zmin (8.10)
Cair,water = Mair,water Chairwater (8.9) Cmax

The other environmental aspects are the radiator inlet temperatures. The water is assumed to completely heat
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Table 8.7: Fluid and radiator parameters used during sizing [43].

Parameter Unit Value . Parameter Unit Value
Water Air
Prandtl Number | Pr [-] 2.56 0.712 Iy [-] 0.25
Pressure drop Ap [Pa] 10000 500 Surface porosity o[-] 0.8
Colburn factor j -] 0.032 0.02 Hydraulic diameter | dj [m] 0.0025
Density p [kg/m3] | 992 0.92 Surface efficiency Nsurf [-] | 0.8
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Figure 8.10: Graph of e against number of thermal units (Ntu) for ~ Figure 8.11: Progress of the water temperature after overheating
multiple C* [43, p207].

up in the fuel cell. Since it is working on 80 °C, the water inlet temperature is taken to be the same. The air inlet
temperature is taken to be 35 °C. This is equivalent to a US military hot day. Although this temperature is high,
the cooling system is designed to still be able to remove the amount of heat at maximum power. The maxi-
mum theoretical heat rate can now be found with equation 8.11. The effectiveness of the radiator necessary to
remove all heat from the cooling water is calculated with equation 8.12.

_Q

Qmax
At this point a first estimation on the dimensions of the heat exchanger has to be made. Two dimensions are
chosen: the flow length of the air L,; and the flow length of the water L,,4¢.,. These are the lengths both fluids
have to travel through the heat exchanger. To calculate the number of thermal units for either fluid, a measure
for the heat removal capability, equation 8.13 is used. The used parameters are stated in table 8.7. These are
based on the fluid characteristics in the radiator environment as well as on typical values for radiators of this
size and temperature [43]. With both the number of thermal units for both sides of the heat exchanger the total
thermal units can be calculated using equation 8.14.

ALjNsurf (8.13) 1 = 1 + 1
= * C I water.
dyPr2’3 Ntu Nair(c ) Nwater(cc . )

ai
min min

Qmax = Cmin (Twuter,in - Tair,in) (8.11) € (8.12)

(8.14)

Now the total number of thermal units is known, figure 8.10 can be used. Together with the ratio of heat
capacities C* the achievable effectiveness ¢ can be determined. Comparing this to the required efficiency as
calculated earlier, it can be seen whether the chosen flow lengths are enough to remove the waste heat. If not,
the lengths can be changed to meet the requirements, or the mass flows can be changed to lower either the
effectiveness or the ratio of capacities.

When the number of thermal units turns out to be high enough, the frontal area for both fluids can be calcu-
lated using equation 8.15. The porosity is added because not all of the frontal can be used to flow fluid through,
but also radiator material is present. The third dimension of the follows automatically from the combination
of areas and flow lengths. With this the volume of the heat exchanger can be calculated, and with the volume
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Table 8.8: Specifics of each of the four heat exchangers.

Parameter Unit Value . Parameter Unit Value
Water Air

Heat capacity rate C [W/K-s] | 5028 3015 Ratio of heat capacities | C* [-] 0.599

Flow length L [m] 0.980 0.049 || Effectiveness €[] 0.64

Num. of therm. units | N [-] 15.3 1.83 Volume V [L] 17.75

Frontal area Afr [m?] 0.00376  0.299 || Mass m [kg] | 8.88

Mass flow m [kg/s] 1.20 3.0 Num. of therm. units Ntul[-] | 1.51

the mass. The density is assumed to be 0.5 kg/ m? [36].

i 20/¢)pA
ﬂ =0 M (8.15)
Ay, \ NP

With the above stated approach, the cooling system has been sized iteratively, by changing the flow lengths
mass flows of both the water and air. This resulted in a total of four radiators, since less would either not be
capable of removing all heat, or become too big to fit properly into the fuselage. The final dimensions of one
heat exchanger are 49 x 980 x 369 mm.

The machines to provide the mass flows for both fluids are electric pumps and electric fans for water and air
respectively. To deliver four radiators 1.25 kg of water every second two electric pumps from Davies Craig are
being used. Two EWP 150s will be installed in parallel to double the water flow. They can both deliver 150
L/min, which will result in a total mass flow of 4.96 kg/s, or 1.24 kg/s per radiator. Both pumps weigh 1.1 kg
and use 120 W of power on 12 V [44]. A total amount of sixteen small fans will be used to create an airflow
through the radiators. Four will be installed on top of each other at the back of a radiator, in order to suck the
air through it, which is possible since the radius is only 8 inch, or 203 mm. Each fan requires a power supply
of 54 W on 12 V, making a total of 864 W. The maximum air flow of these fans are 4000 m3/h, sufficient for this
system. The weight is increased a lot due to this solution: 19.2 kg since the weight per fan is 1.2 kg. However,
this solution is preferred since no large area air inlets are needed in the outside air stream, therefore reducing
the fuselage drag significantly. Another benefit is that it will be able to cool all of the systems during hover.
Since in that flight phase no outside airflow is present and fans are the only way to cool the radiators[45].

To calculate the weight of the water inside the cooling system, the actual flow area of the water times the flow
length is used, which means without correction of the porosity. This results in a water weight of approximately
4 kg per radiator. The weight per meter for silicon hoses of 1 inch diameter, typically used in these applications
and fitting on the chosen pumps, have a weight of 0.30 1bs/ft or 0.45 kg/m [46]. Estimated is that 10 m of hose
is needed which makes a total tube weight of 4.5 kg. The water continuously present in these tubes is 4.9 kg.
The robustness of the cooling system against unexpected overheating is analyzed as well. It can be noted that
the system is stable, meaning that it will always return to its nominal state. When the water heats up due to
overheating, Q,,,x Will increase as stated in equation 8.11. Because the efficiency does not change, the heat
removal Q will increase with Q,,,4, (equation 8.12). Because the water cools down again, Q4. Will decrease
again, resulting in a slow approach to the nominal water temperature. It can be seen in figure 8.11, that if the
system heats up to 85°C the water temperature will be back at 80°C in only 90 seconds. The best solutions
remains to decrease the power for a moment and let the system cool down.

All weights added up the cooling system has a total mass of 79 kg. This is exceeds the budget for cooling, which
assumed to be part of the fuel cell balance of plant in Datta’s estimation [36]. In this approach the impact of
fuel cell cooling turned out to be underestimated. The results in this section are verified and validated with
example calculations and heat exchangers in [43].

8.6. HYDROGEN TANK

The hydrogen tank is a very heavy component of the H2Copter. This section explains the selection and sizing of
the hydrogen tank. Three types of storage were considered: gaseous storage (in pressure tanks), liquid storage
(in cryotanks) and solid storage (by physically or chemically attaching hydrogen to another substance.
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8.6.1. GASEOUS STORAGE

Hydrogen has a very low density. In order to keep the size within reasonable bounds, very high pressures are
required. There are currently two industry standards: 350 bar and 700 bar [47]. For pressures higher than 350
bar, hydrogen does not behave like an ideal gas anymore: the increase in pressure becomes higher than the
increase in density. This causes the hydrogen mass fraction of the tank to decrease [47]. From preliminary
analysis, it was determined that a 350 bar tank will fit in the design, so this industry standard was followed.

For mobile storage of hydrogen, there are two types of tanks of interest. Type 3 tanks have an outer shell made
of composite, but contain a layer of metal on the inside (the liner) to prevent the hydrogen from escaping. In
type 4 tanks, the liner is made of plastic, which is lighter, but more complicated to manufacture. Composites
are very suitable for tank design, because the loads are very predictable, and always tensile.

The hydrogen weight fraction is limited by the strength of the material. Datta and Johnson [36] stated in 2014
that a tank containing 5.4% hydrogen in weight was possible, with a total density of 0.038 kg/L. Quantum Tech-
nologies [48] have designed a tank that contains 7.5% hydrogen. This tank only contains 1.55 kg of hydrogen,
so a larger tank could have an even higher mass fraction. Furthermore, this tank was designed for automotive
transport with a safety factor of 2.25. Aerospace structures usually have a lower safety factor. The tank contains
0.03875 kg of hydrogen per liter of (internal) volume.

8.6.2. LIQUID STORAGE

Hydrogen becomes liquid at 20.28 K when stored at 1 atm. It is possible to store hydrogen in its liquid state.
This leads to increased densities of about 0.071 kg/m?, but it requires adequate isolation. When hydrogen is
stored in its liquid state, it slowly boils off, depending on the level of isolation. Another disadvantage is that
cooling the hydrogen to cryogenic temperatures requires a lot of energy.

According to Datta and Johnson [49], 5 kg hydrogen can be stored cryogenically (in its liquid form) at a weight
fraction of 5.5% and a total density of 4 kg/m?3. This is not much better than their prediction of compressed hy-
drogen. It was decided that this slight performance increase does not outweigh the complications in handling
liquid hydrogen.

8.6.3. SOLID STORAGE

A different approach is to store hydrogen in a solid form by attaching the molecules to other substances. This
increases the volumetric capacity dramatically. Solid storage can be preformed physically by physisorption
(adsorption), or chemically.

PHYSISORPTION

There is a large interest in adsorption (attachment to a surface at a molecular level) of hydrogen to carbon
nanotubes. The hydrogen molecules are attached to the surface of the adsorbent. There has been a large
discussion about the capabilities of carbon structures; hydrogen weight fractions between 0.3% and 68% have
been reported. Zhou [50] has compared 40 references and has tried to reproduce their results. He found that
the maximum capacity is 0.44% at 77 K and 40 bar of pressure. this is too low to compete with the other
technologies.

Adsorption on activated carbon provides better results, but tanks are required for the higher pressure. Bimbo
[51] explains the idea of making a hybrid pressure tank internally covered with a layer of adsorbent material.
This tank has increased density due to the physisorption, and the empty space can be used to store gaseous
hydrogen. It was found that the adsorbents provide a hydrogen mass fraction that is too low. The most feasible
materials are AX-21 with a weight fraction of 5.6% and MOF-177 with 7.4% hydrogen [52]. The pressure tank,
which must also be cooled to the temperature of liquid nitrogen, is not included in this. It is therefore decided
that physisorption is not feasible.

CHEMICAL STORAGE

A well-investigated way of storing hydrogen is by using metal hydrides. This increases the density, but the
hydrogen weight fraction is limited to 3% [50]. Complex hydrides are more feasible. LiBH, is promising with
a capacity of 18%, but it has several disadvantages. Only 13.5% of the weight is releasable hydrogen, high
temperatures are required, the chemicals are dangerous and the tank is not included in the weight estimation
[53]. With the additional disadvantage that it currently only works in laboratories, this option was discarded.

Another possibility is the use of NaAlHy, but it only has a theoretical hydrogen capacity of 5.55%, excluding the
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tank [54]. There is a flight-proven airplane design using NaBH, for storage [55], but this substance has an even
lower capacity of 4% [56]. It is concluded that solid storage is not feasible for flight.

8.6.4. TANK DESIGN

The decision is made that compressed hydroge storage is the most feasible option. Commercially available
tanks are usually designed for automotives, and do not contain enough hydrogen for the H2Copter. Land-
based tanks, on the other hand, are much too large. Therefore, the tank is custom-designed to fit the needs of
the helicopter. The tank will not be designed in detail. The goal is to find an accurate estimation of the weight
and size of the tank.

The industry standard is to produce composite tanks using filament winding. This process is suitable for the
normal shapes of pressure vessels, but it does not allow the production of any shape. The standard method
is to design tanks with geodesic winding. This means that the fibers are loaded only in tension. With pure
geodesic winding, there are no shear loads, so the fibers will not slip [57].

Pipkin and Rivlin [58] found that the ideal tank has an isotensoid design. This means that the stress is equal
throughout the material. They derived equation 8.16 to compute the weight of the structural material of an
isotensoid pressure vessel. This equation is not dependent on the shape of the tank; it is valid for any closed
shape. The weight depends on the material density p, the pressure difference P, the internal volume V and
the maximum stress ¢. Filament winding requires polar holes in the end caps to attach the vessel to an axial
beam. The equation is only approximate when the hole radius rg is not zero, but it is still very accurate. When
the hole radius is half of the maximum radius R, the error is only 1.7%. It is decided to disregard the hole, and
to use the equation directly.

3pPV
m= p_

g

(8.16)

Vasiliev [57] derived how the geodesic isotensoid design could be made using filament winding. The final
shape is not a cylinder with spherical end caps: the end caps are much flatter. Away from the polar holes,
the shape of the end caps is described by equation 8.17 [57]. The equation defines the axial coordinate of the
end caps z in terms of the radius r, the hole radius ry and the maximum radius R. The integral was evaluated
numerically by means of the trapezoid rule. With the assumption that there is no polar hole, the equation
reduces to equation 8.18. It can be seen that this equation has a singularity for r = 0, but it does not diverge
when approaching this value. The calculations were verified by comparing the shape to the shapes plotted by
Vasiliev [57].

r r3\/R?—ridr
zZ= —[ (8.17)
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A suitable type of liner for a type 4 tank is 5 mm high-density polyethylene (HDPE) [47]. For a type 3 tank, 7
mm aluminium is said to be suitable, but this is much heavier than HDPE [47]. It is decided to design a type
4 tank. With the assumption that the tank is thin-walled, the liner weight is computed according to equation
8.19 by using the surface area S of the tank, the thickness of the liner ¢; and the HDPE density p;. The area
of a surface in Cartesian coordinates is given by equation 8.20 [59]. This equation is converted to cylindrical
coordinates to arrive at equation 8.21. In this equation, the function f(r) from equation 8.18 can be reused.
This integral was also evaluated numerically with the trapezoid rule. The final surface area was obtained by
adding the cylindrical part with length L., in equation 8.22.

54 Delft University of Technology



mp=p14S (8.19)
5z\% (6z)?
Sear= [+ ) (2] axar 020
S
8z\* 1 (8z)? R\/iz
swp=£f\/1+(g) +ﬁ(%) rdrd9=2n0f 1+ (f()rdr (8.21)

S =2aRLey +2Scap (8.22)

The calculations were validated by reproducing an existing design. The tank that was used is described in [47].
It is made of composite with tensile strength of 2550 MPa and a density of 1.800 kg/m? and it stores 5.6 kg of
usable hydrogen at 350 bar. The safety factor on the tensile strength is 2.25, and a factor of 1.25 is used for
overpressure during refill. Not all the hydrogen can be taken out: the 'empty’ pressure is 20 bar, so some extra
hydrogen is put into the tank. The non-ideal density of hydrogen was determined with the process described
in [60]. The reference tank was designed for room temperature (25°C). It has a cylindrical length equal to three
times the diameter. Table 8.9 shows the component weights of the reference tank, along with those of the
reproduced tank.

The estimated carbon fiber and the liner mass are very close to the actual values. This indicates that the com-
puted shape is close. Because the density of the glass fiber and the foam were unknown, the mass of those
components could not be reproduced. They were simply copied, along with the balance of plant components.

With the validated model, a new tank could be designed. The estimation of the new tank is also shown in table
8.9. Some design inputs were changed for this. The reference tank was made of Torayca’s T700S carbon com-
posite. Torayca also produces a stronger composite: T1000G [61]. Hydrogen pressure vessels and aerospace
are listed among the applications of this material, so it is suitable. It has a higher tensile strength of 3040 MPa,
with the same density. The safety factor of 2.25 is reduced to the aerospace standard of 1.5. This factor is a
standard for load-carrying components in aerospace products. It is also decided that the tank should not be
limited to room temperature: it is designed to be operational at 50°C.

It is found that the glass fiber is only used for the logo imprint. Tank manufacturer Quantum states that the
glass fiber layer has no structural function [47]. It was therefore removed from the final design. The reference
tank has foam to protect the end caps. This is useful for automotive applications, because the tank can be at-
tached firmly to the sturdy structure of the vehicle, ensuring proper load introduction. Only the end caps need
additional protection against impact with other components. Due the size of the H2Copter tank, mounting in
this way is not possible. This also removes the necessity of adding foam to the end caps.

Crash safety is ensured by the two pressure relief devices. When a crash occurs, they can rapidly empty the
tank due to the high pressure. This can be done automatically by means of a shock sensor. An additional safety
measure is implemented in the mounting: the end caps with the holes, which are the weakest spots in the
design, are mounted on the left and right side of the helicopter. If the plugs breaks on impact, the pilots are not
directly located in the hydrogen flow. Furthermore, the tank has the beneficial feature that it does not explode
when a piece of the tank is pierced, because of the the filament wound fiber structure [62].

For safety, it was decided to make some changes in the balance of plant. There will be two pressure and temper-
ature transducers, while the reference tank only has one of each. It is estimated that the valves and transducers
do not have to be heavier than the ones on the reference tank: they are designed to withstand the pressure,
and the mass flow has only a very small effect. The piping, boss, plug and vehicle interface brackets have to be
larger for this tank: it was assumed that their weight scales with the volume.

The final tank has a hydrogen mass fraction of 9.57%. This value is higher than on the reference tank, due to
the stronger material and reduced safety factor. The removal of the glass fiber and the foam has also caused
an increase of the hydrogen weight fraction. It is also determined that some of the lighter components of the
balance of plant do not increase in weight when the size of the tank increases. This causes larger tanks to have
a larger hydrogen mass fraction.
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Table 8.9: Properties and mass breakdown of the reference tank, the reproduced tank and the custom tank.

| Ref. tank Validation | New tank | Comments

Recoverable Hy mass [kg] 5.6 5.6 17.4
Total Hy mass (kg] 6.0 6.0 18.7
Pressure [bar] 350.0 350.0 350
Design temperature [°C] 25.0 25.0 50
Internal volume [m3] 0.258 0.258 0.857
Safety factor [-] 2.25 2.25 1.50
Material T700S T700S T1000G
Tensile strength [MPa] 2550 2550 3040
Density (kg/m3] 1800 1800 1800
Component weights [kg]
Structure
Liner 114 11.7 20.8
Carbon fiber 53.0 53.8 99.9
Glass fiber 6.1 (6.1) 0 | No structural function; removed
Foam 5.2 (5.2) 0 | Other impact solution
Structure total 75.7 76.8 120.7
Balance of plant
Check valves (2) 0.4 0.4 0.4
Manual Valve (1) 0.2 0.2 0.2
Excess flow valve (1) 0.2 0.2 0.2
Service vent valve (1) 0.2 0.2 0.2
Shutoff valves (3) 1.8 1.8 1.8
Relief valves (3) 0.6 0.6 0.6
Pressure transducer (1) 0.1 0.1 0.2 | Twice
Temp. transducer (1) 0.1 0.1 0.2 | Twice
Pressure regulator (1) 2.1 2.1 2.1
Pressure relief devices (2) 1.0 1.0 1.0
Piping/fittings 4.0 4.0 13.3 | Scaled with volume
Boss 0.4 0.4 1.3 | Scaled with volume
Plug 0.2 0.2 0.7 | Scaled with volume
Vehicle interface brakets 5.2 5.2 17.3 | Scaled with volume
Fill system control module 1.0 1.0 1.0
Misc 2.0 2.0 2.0
BOP total 19.4 19.5 42.5
Total tank + reserve fuel 95.5 96.7 164.5
Total tank + fuel 101.1 102.3 181.9
Hy mass fraction [%] 5.54 5.47 9.57
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ROTOR HUB

The design of an electric driven helicopter brings new possibilities and freedoms to the design of the rotor
hub. Conventional coaxial helicopters use two steel shafts to run the rotor discs in opposite direction, driven
by a combined gear box. The shafts have to enter the fuselage to be able to be driven by the engine. Using the
electric drive, electric motors can be placed more freely in contrast to their fossil fuel driven counter part. The
main task of the hub is to connect the rotors to the fuselage and provide flight controls towards the blades. As
discussed in section 9.3 a servo flap control is developed to decrease complexity and drag of the conventional
swash plate assembly. With this in mind the only control task of the hub is to provide the space to guide control
cables towards the rotors.

To shift the center of gravity closer to the rotor discs and decrease the amount and weight of drive-line com-
ponents, the electric motors shall be placed close to the rotors. By doing so the hub needs to provide space
to guide power and cooling lines towards the motors. Section 9.1 explains how this space will be given even
though a gearbox will be placed in line with the shaft, of which the design is explained in section 9.2. Further
steps are taken to display the structural design and material choice on the hub.

In figure 9.1 the work flow of the hub design, all sub assemblies included, can be seen. Split in the same manner
as this chapter, the flow diagram shows the fields of structural hub, gearbox and servo flap design.

9.1. STRUCTURAL HUB DESIGN

The structural hub design concentrates on the design of the structure determining the disc spacing and pro-
viding the structure towards the fuselage. The main loads experienced by the hub are torque, induced by the
counter-rotating rotors, axial loading due to weight carrying function and bending due to the pitch and roll
induced forces. Different materials are taken into consideration: steel and aluminum. To keep the cost to
an oversee-able level, titanium will not be included. The peak load factors for the hub design can be taken
from the certification which include gust loads in maximum flight conditions. As verified in section 10 a FEM
analysis is performed on the designed structure to validate the function of the chosen design and material.

Starting from the fuselage onwards the hub is connected via a load distributing surface.
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Figure 9.1: Flow diagram of the hub design.
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Figure 9.2: Drive-line hub integration.

By doing so the hub-rotor assembly can be re-positioned towards the center of gravity without having a huge
impact on the assembly of components within the rotorcraft. This option makes it easy to improve the stability
after all components have been assembled. Assuming the maximum bending loads in all directions to be
equal, a round shape is the most efficient choice. Given the round shape, use of available extrusion material
can be made, which can also decrease production time and cost. Load cycles are mainly induced by control
changes.

To make sure everything is covered in the analysis, one rotor turn is considered to be a cycle. The requirement
on hub loading is the certification load factor of 3.5 on gust loads. One of the main players when it comes to
the material choice is the available room. Whereas a light weight design can be realized with aluminum when
room is available, steel rather scores at limited space and high load applications. Since a motor and gearbox
integration into the hub is planned, the minimum hub diameter is predefined. With the results of the motor-
gearbox combination the hub can be sized and a material selection can be performed. With a wall thickness
of 3 mm, for impact and buckling safety, the hub structure is checked for aluminum and steel. The maximum
stress obtained in the hub, during a combined loading due to rotor torque, vertical load and bending exceeds
40 MPa, as numerically determined with the Autodesk Inventor. Aluminum 7075-T6 offers a fatigue strength
of 159 MPa for 500,000,000 cycles. A safe use of 19000 hours can be guaranteed by using an aluminum hub.
The weight saving over a steel design is with 34 kg versus 98 kg a factor of 2.88.

9.2. GEARBOX DESIGN

As given by the rotor design a rotational speed of 432 rpm is required. For electric motors this speed can be
considered relatively slow, meaning that the specific power of state of the art motors cannot be achieved in
the motor design. This has structural reasons since a motor requires high torque to deliver the power, which
results in a large structural weight. A gearbox brings the ability to use state of the art motors, and convert the
high speed and low torque to low speed and high torque. As discussed in section 9.1 the approach is to package
the electric motor and gearbox inside the hub. To make the setup space efficient, a similar diameter of gearbox
and motor is favourable. The motor selection as described in section 8.1 goes in line with the gearbox design.
Since the motor selection is based on existing systems, a perfect match in size cannot be made. Different
gearbox designs exist, yet not many are suitable for the intended use. Conventional spur gears would increase
the required cross-sectional area since input and output shaft are present with an offset. To decrease the
space required, a planetary gearbox is the best solution, figure 9.3. With a larger power and torque density
than conventional spur gears, planetary systems find use in many applications. Due to complex lubrication
and shifting properties, if a variation of gear-ratios is required, planetary gears show disadvantages for some
applications. Since the gear ratio is fixed the planetary gearbox is the best choice for the rotor drive.
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9.2.1. GEARBOX

A planetary gearbox can be driven in different ways. The most space efficient manner is to run the sun in com-
bination with the planet gears and keep the annulus gear fixed. By doing so, a gear ratio of +1 in comparison to
a planet fixed assembly can be achieved. To be able to guide cooling lines and electric cable through the hub
towards the motors and blades, the gearbox needs to have fixed planets, to enable guidance of those elements
through the center of each planet. With a spinning sun and annulus, the annulus can be used as mounting
point of the rotor blades. Using thus the high strength gear steel to provide the load transfer between the two
rotating blades.

With that in mind the gearbox can be sized. A first approach is a numerical calculation based on the maximum
stress experienced on the gear circumference. With formula 9.1 the maximum contact stress between the sun
and planet as well as planet and annulus can be calculated [63]. The formula includes several gear properties:
F is the face width, r the gear diameter, E the youngs modulus, F the facewidth and ¢ the pressure angle.
By keeping most variables fixed to standard values, material properties and pressure angle do vary. The main
design iteration is based on the remaining properties the gear diameters and face widths. The tip speeds and
loads follow from the chosen gear ratios and diameters. By calculating the stress factor with formula 9.2 an
evaluation on the life cycle of the gears is made. Statistical data on stress cycle factor, temperature factor, reli-
ability factor and a safety factor of 1.5 are chosen. Multiplying the maximum stress factor with the maximum
yield strength of the gear material gives the allowed constant load to endure the lifetime. The requirement for
the gear design is to keep the value of the maximum contact stress in formula 9.1 below the mentioned result.

W(1+:—;)
o= > > - 9.1
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fstresscycle
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stressfactorygy =
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The final sizing input can be seen in table 9.1. The iteration results in a gear ratio of 1:7 for the selected motor
of section 8.1. This ratio does not require a second stage gearbox since the gearbox diameter lies close to the
motor diameter. With the torque and speed of the rotor given, the main input variables are gear ratio, and
gear dimensions. Each electric motor comes with a specific performance curve. To let the motor run at a high
efficiency the gear ratio needs to be based on it. The resulting numerical values in table 9.2 show maximum
allowed stress factor versus the maximum acting stress factor present between the gears. The sun being the
most critical gear due to its small amount of teeth, shows a safety factor of 1.53 for its service.

Considering the analytical results, shown in table 9.3, obtained by designing the gearbox in the engineering
software KISSsoft, one can see that the flank safety lies with 1.49 very close to the numerical value of 1.53.
Since many simplifications on the numerical side are made, an offset is to be expected. With an offset of 2.6 %,
the numerical value can be seen as validated.

A schematic overview of the final gearbox sizing can be seen in figure 9.3. The room for cooling line and electric
cable guidance is marked by the gray areas. The integration of gearbox and rotor mounting into the hub can
be seen in figure 9.2. It shows the mounting of the top disc.

Table 9.1: Numerical gearbox sizing.

Parameter Value Parameter Value Parameter Value
Rotor torque [Nm] 1635 Pressure angle [deg] 20 Stress cycle factor 0.89
Rotor RPM 432 Face width [m] 0.036 Sun cycles 399168000
Gear ratio 7 Sun diameter [m] 0.0375 Yield strength [MPa] 1724
Input torque [Nm] 233.57 Sun radius [m] 0.01875 Safety factor 1.5
Motor RPM 3024 Planet diameter [m] 0.1125 Temperature factor 1
Face loads [N] 4152.38 Planet radius [m] 0.05625 Reliability factor 1.096
Amount of Planets 3 Anulus diameter [m] | 0.2625 Youngs modulus [GPa] 200
Density [kg/m®] 7750 Anulus radius [m] 0.13125
Mass [kg] 14.89 Poisson ratio 0.3
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Table 9.2: Gear stress factors.

Sun gear Planet gears Anulus gear
Max. allowed stress factor 0.541 0.541
Max. acting stress factor 0.531 0.317
Safety factor 1.53 2.56

Table 9.3: Analytical gearbox results.

Sun gear | Planets | Annulus gear
Actual tip circle [mm] 53.8 140.6 3114
Root safety 5.53 3.19 5.2
Flank safety 1.49 1.65 3.98

Figure 9.3: Schematic gearbox overview.

9.3. SERVO FLAP DESIGN

In the field of rotor control, the swash plate structure is the most used technique to control the rotor blades. Its
structure provides a fully mechanical control system of large complexity, especially for a coaxial rotor assem-
bly. With large complexity comes maintenance. The exposed control structure additionally tends to generate
a large amount of drag during flight. Enclosing or even removing the structure will have a great effect on drag,
weight and maintenance. During a rotation of the rotor disc, the blades get turned around the feathering axis
by twisting the root of the blade. This pure mechanical process can be executed by an aerodynamic moment,
too. Current flettner rotorcraft, like the Kaman K-Max, make use of so called servo flaps. Servo flaps are small
control surfaces positioned at the trailing edge of the blade, to increase and change the aerodynamic mo-
ment on the blade. Those control surfaces get controlled by mechanical links reaching from the pilots control
elements towards the surfaces in the blades. Having the control links purely enclosed brings aerodynamic
advantages. Additionally the force required to pitch the blade via a control surface is noticeably smaller than
required via a swash plate assembly. To decrease complexity, weight and maintenance it is possible to improve
the servo flap control by means of electric actuation. The goal is to remove most of the mechanical links to-
wards the control surfaces and implement an electric actuation. As tested by Eurocopter, this can be realized
using piezo stack actuators [64]. Given the maximum rotor speed of 432 rpm, the required control frequency
results in 7.14 Hz. The requirements on the sub-components are mentioned in the respective sections.

The following sections display a closer look onto the analysis of the servo flap and its requirements towards the
electro-mechanic actuator. The design of the actuator is shown as well as its implementation into the blade
structure.
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Figure 9.4: Blade moment coefficient analysis with final hinge position.

9.3.1. FLAP ANALYSIS

The flap is an aerodynamic device of the servo flap assembly. To achieve quick blade responses and keep the
required flap deflection to a minimum, the placement near the blade tip, in large air speeds, is favourable. At
high cruise speeds, parts of the retreating blade span is under total stall. Mounting the flap in the stall region
close to the disc center would cause loose of control for that part of the rotation. To keep the time intensity of
the design to a responsible level, the span and chord length of the flap are set to 0.5 m and 0.2c respectively.
For redundancy reasons, each blade will include a second full control unit, which is able to continue work in
case of failure of the primary unit and therefore align with aerospace standards. Both flaps, inner and outer,
are designed to operate on the minimum air speeds experienced by the inner flap. The distance of the primary
flap to the tip is set to 0.2 m

Different from a conventional swash plate control, the blade is purely mounted on the feathering axis, without
any pitch determining links. Striving for low required control forces and induced drag, the hinge should be
placed as close to the center of pressure as possible. Since the chosen airfoil is unsymmetrical, the center of
pressure moves with the angle of attack. In an iterative process, using xFoil, a hinge position is determined by
entering different hinging points and analyzing the resulting moment coefficients as visualized in figure 9.4.
The figure shows the xFoil results for the range of operational angle of attacks. The resulting position of the
feathering axis is determined to be (0.258x, 0.05y), based on the low magnitude in moment coefficient changes.

To enable the blade control a moment around the blade needs to be generated. This moment will be generated
by the deflection of the servo flap. Since the flap size and position is fixed, only the deflection angle can be
varied. The required torque around the feathering axis is based on the angular acceleration needed to control
the blade with the required frequency and given inertia, as listed in table 9.4. Using the resulting moment in
combination with formula 9.3, the relation between moment coefficient, induced by the flap deflection, and
resulting torque on the blade can be determined. The maximum and minimum blade pitch is given by the
rotor design. The flap is to be designed for maximum blade pitch at minimum airspeed to ensure control in
every flight situation.

1
T=2Cnp VA 9.3)

In the figures 9.5 and 9.6 the two maximum angles in combination with the required flap deflection can be
seen. Due to the offset of the center of gravity as well as the asymmetry of the airfoil, the upward and downward
blade deflections require different flap inputs. As can be seen in figure 9.5 the upward deflection of the flap is
shown. With the upward deflection a nose up moment around the blade gets generated. The upward deflection
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Figure 9.5: Servo flap upward deflection at minimum 0 degrees blade angle.

of 4 degrees results in an angular acceleration of 39.81 rad/s. The same angular acceleration is achieved in
opposite direction by a downward flap deflection of 7 degrees as can be seen in figure 9.6.

The torque required to turn the flap around the flap hinging axis forms the requirement for the actuator design.
Depending on the arm on the flap hinging axis the deflection and force required can be derived as shown in
table 9.5.

9.3.2. SERVO ACTUATOR DESIGN

The flap mounted on the blade requires a control mechanism. Since the idea is to replace a fully mechanical
linkage with an electric-mechanical assembly, an actuator needs to be designed. A possibility is the use of
piezo stacks. Piezo stacks are small sandwich structured elements which change shape when a voltage is ap-
plied. With a large frequency range those elements can be used for high frequency applications. Piezo stacks
in general deliver large forces but small deflections. Mounted in a bracket, the resulting deflection can be in-
creased, which results in a reduced net-force. To reduce the amount of components, flexible brackets can be
designed. Since the actuators have to be placed inside the blade, a low weight and complexity is very impor-
tant, due to the large centrifugal forces acting. The forces required to control a single flap can be found in table
9.5.

Piezo stacks can be found in different sizes, due to the limited space inside the blade two reference stacks are
chosen for comparison, as can be seen in table 9.6. Those two stacks are of the same kind but differ in frontal
area, which brings a difference in weight and force. The bracket designed to increase the deflection perfor-
mance of the stacks can be seen in figure 9.7. The maximum deflection ratio is set to be 10. Increasing this
value leads to very high normal forces in the bracket structure and therefore a heavier design. As can be in-
spected in figure 9.7 the piezo stacks expand in x-direction and contract the height of the bracket in y-direction.
This contraction is used to change the angle of flap via a rod as can be seen in figure 9.8. Since the piezo stacks
are solely used in compression mode, zero deflection will result in a maximum flap deflection in one direction.
To make sure the force acting on the flap via the bracket is large enough for the most critical flight situation,
the bracket is designed to resist these loads without deflecting more than allowed. As mentioned two flaps are
available per blade for redundancy reasons. To make sure the deflection of a flap with failed actuator can be
corrected to a neutral position, two actuators are used per flap. Both sharing 50 % of the required maximum
force.

62 Delft University of Technology



=2.0 1xroiL
Y 6.89

hydrocopter

Re = Y4,000+10°
@ = 5.5000°
0, = 1.1174

Cw = -0.0566
C, = 0.01019
L/ = 109.67
N.. = 9.00

05

L.l

Figure 9.6: Servo flap downward deflection at maximum 5.5 degrees blade angle.

Table 9.4: Dynamics of the rotor blade.

Parameter Value

Blade chord length [m] 0.23

Weight [kg] 12.5 Table 9.5: Properties of the control flap.

C.0.Gx 0.4

Hinge position x 0.258 Parameter Value

Hinge position 'y 0.05 Required control force [N] | 248

RPM 432 Required deflection [mm] | 0.731

Max. up deflection [deg] 5.5 Control arm [mm] 3.795

Max. down deflection [deg] 0 Control frequency [Hz] 7.14

0.5T [s] 0.0694

Angular velocity [rad/s] 2.76

Angular acceleration [rad/s/2] 39.810

Blade moment of inertia [kg-m~2] | 0.02067

Table 9.7: Actuator assembly.
Table 9.6: Reference piezo stacks.
Parameter Value
Parameter Value Assemblies per flap 2
TS18 H5104 | TS18 H5202 Stacks in series 8
Mass [g] 4.5 16 Stacks in parallel 1
Block force [N] 840 3388 Stack deflection [mm] 0.009
Max. deflection [mm] 0.0145 0.0145 Bracket deflection ratio 10
Stack length [mm] 18 18 Bracket weight [g] 200
Efficiency 0.35 0.35 Actuator weight [g] 328
Total power required [W] 244

Different materials can be chosen for the design of the actuator bracket. Due to the large force applied by the
piezo stack, the used material requires a large yield strength. Furthermore the large amount of cycles affects the
fatigue life of the bracket. The considered materials are steel, aluminum and titanium. With the advantages of
weight saving the aluminum and titanium structures are scoring with respect to a steel design. Concentrating

Delft University of Technology



/W////ANI\/—LJ\

‘ Piezo stacks ‘

— —————
Steel bracket

Figure 9.7: Piezo stacks and steel bracket forming the flap actuator.

Control actuators

o
o
=5
-
o L
o m
n
2
o
:

Secondary flap Primary flap

Figure 9.8: Piezo servo flap blade integration.

on the fatigue issue during the operation of the control element, the amount of cycles in combination with
the all-time apparent high loads will cause the aluminum and titanium structure to fail. Steel on the other
hand does have an endurance limit, a load limit from where the amount of cycles do not cause any fatigue. For
conventional steel alloys the endurance limit ranges between 40 % and 50 % of the maximum yield strength.
The main design requirement of the bracket is therefore to stay under the load of 300 MPa for standard carbon
steel alloys. To maintain a safety factor of 1.5 the bracket is designed to experience a maximum stress of 200
MPa. To make an efficient use of the piezo stacks, the bracket needs to translate the small stack deflection
to a large resulting deflection towards the control surface. The bracket in figure 9.7 is designed to enable a
deflection ratio of 10, meaning the deflection of the stacks can be increased by a factor of ten. The resulting
force decreases therefore with a similar ratio. The design shown is able to withstand two maintenance cycles
which equals a flight time of 4000 hours. The first design iteration of the actuator results in an assembly weight
of 0.328 kg and a maximum power consumption of 30.5 W per actuator.

9.3.3. BLADE CONTROL

With the lack of a swash plate, no mechanical control input is given. To control the blades correctly, the pilot
input gets translated by a flight computer to a required flap deflection. The angular position of the blade is
known via the position sensors of the electric motors. By that a virtual swash plate can be generated. The
fly by wire technology brings a major advantage over conventional controls being the possibility of filtering
the pilot input to keep the rotorcraft in stable flight conditions. The implementation of a autopilot does not
require any changes to the control hardware. Limiting factor to autonomous flight control and fly by wire is
the certification. Fly by wire systems for small aircrafts are currently undergoing certification processes.
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10

CHASSIS, BODY AND COCKPIT

In this chapter, the design of the aircraft chassis, body and cockpit will be elaborated upon. For the chassis, the
general load carrying structure will be considered. This structure also contains the landing gear. For the body
part, the hull will be considered. For the cockpit, the interior of the aircraft will be considered.

In section 10.1, the design approach for the structural elements will be explained. In section 10.2, the skid
layout is chosen and the model that was made for this landing gear will be shown. In section 10.3, the structure
of the chassis will be explained and designed. Finally, in section 10.4, the cockpit interior will be designed.

10.1. STRUCTURAL DESIGN STRATEGY

To design the body for the helicopter, a trade off is made between different body-chassis combinations. Once
one of these configurations is chosen, the components that need to be in the helicopter are put in a computer
aided design (CAD) program, Autodesk Inventor in this case, and closely packed together. This includes con-
straint boxes, which were designed to be big enough for the pilots to fit in. This way, the minimum required
space for the cockpit is derived. Using the computer modelling program, a supporting structure layout is de-
signed, making sure to accommodate every component. For this layout, the structure is then sized for the
critical load cases. The first approach to size the structure was to write a MATLAB program which could derive
the forces in each separate member. However, since this program needed to be extremely flexible and applica-
ble to all possible structure configurations, it was decided that the construction of such a program would fall
outside the scope of this project and therefore this procedure was not used. However, in order to still be able
to calculate the loads in each load bearing member, and thus to be able to size the members appropriately, the
CAD program Inventor is again used. To validate the calculations of Inventor, a simple structure is modelled
in excel and the resulting forces are checked against the results from Inventor. When the structure is sized, a
cockpit is fit as tightly as possible in the packaging in the modelling program, to minimize the fuselage drag.
As a final step, the interior of the aircraft will be considered, selecting some essential items which need to be
in the helicopter.

10.2. LANDING GEAR

In this section, different types of landing gear options will be traded off. After a type of landing gear has been
selected, the sizing method will be explained and compared to the results obtained using Inventor. Afterwards,
a first iteration sizing will be made for the landing gear.

10.2.1. LANDING GEAR TRADE-OFF
For the landing gear, three main options were available:

e Skid landing gear
 Fixed wheel landing gear
e Retractable wheel landing gear

* Fixed 3-point landing gear

Skids are often seen on lightweight, low speed helicopters. Skids are favorable due to their simplicity. Disad-
vantages of skids are added drag, which is why they are not used for high speed helicopters, and the inability to
move the aircraft while on the ground. This last disadvantage is why skids are not favorable for heavy aircraft,
as these would be too difficult to maneuver on the heliport. Another reason is that, for helicopters which need
a lot of power to hover, take off is more efficient if the helicopter has a forward speed, which is easier to achieve
using wheels.
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Table 10.1: Landing gear advantages and disadvantages.

Advantages Disadvantages
Skids simple, lightweight fixed structure
Fixed Wheels good ground handling higher weight
Retractable Wheels | good ground handling, aerodynamic | highest weight
Tripod config. lightweight unstable on ground

Figure 10.1: Helicopter parameters visualised, front and side view, axis systems included [66].

Fixed wheels are mostly used on heavy helicopters which fly at low speeds, due to the added ability to maneu-
ver the aircraft when on the ground and the ability to take of and land on a runway. For fast flying helicopters,
retractable landing gear can be used to reduce drag. However, this often comes with a weight penalty due to
added complexity.

For the H2Copter, it was decided to use simple skids as landing gear. This is due to the fact that the helicopter
is relatively light and the power to hover is no critical point of attention. These simple skids consist of three
components: four poles connecting the fuselage to the skids, two skids connecting the poles on the ground
and a front end to accommodate for a skewed landing.

10.2.2. LANDING GEAR SIZING

In order to size the skids, one must first know their layout. The layout of the skids is mostly dependant on
helicopter geometry and some other requirements. A first requirement is that the skids should be designed in
such a way that, when it is stationary on the ground and given an excitation, the aircraft does not topple. Top-
pling the aircraft is called static rollover. The maximum angle the aircraft vertical axis can make with respect to
the azimuth is in general around 30° [65], and is shown, along with the other parameters, in figure 10.1. When
this angle is exceeded, the center of gravity moves over the pivoting point, one of the skids in this case, and
the aircraft will top over. Using this maximum angle and the position of the aircraft center of gravity, one can
derive the minimum distance between the skids, w;;4s. The equation for the horizontal distance between the
two skids is given in equation 10.1

Wikia = 2hg tan (30°) (10.1)

In equation 10.1, h.g is the height of the center of gravity measured from the ground, which was found to be
1.33 m from the computer modelling program. A ground clearance, hg, of 35 cm was taken for the skid analysis.
This estimation was made based on the ground clearance of both the Robinson R22 and the Mosquito XE
helicopters, which were 34 and 36 cm, respectively. From helicopter geometry, it became clear that, to achieve
both this ground clearance and the skid width, the poles reaching from the helicopter to the skids on the
ground needed to be 70cm long. Thus, the angle b was 45°. The angle a, the angle between the poles and the
vertical when looking at the aircraft from the side, was kept variable in the program in order to optimize skid
weight. At the front of the skids, it was decided to place a beam in the form of a quarter of a circle with a radius
of 10 cm. This front end is placed on the skids such that the aircraft could land on the front of its skids, when
descending in a nose-down attitude.

Next, the ultimate load cases for the landing gear needed to be defined. These ultimate load cases were ob-
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Table 10.2: Load case requirements for different aircraft components given in g.

Load factor Pilot[g] | Load factor Items of mass[g] | Load factor Structure]g]
Upward 4 1.5 1.5
Forward 16 12 4
Sideward 8 6 2
Downward 20 12 4
Rearward 1.5 1.5 Not specified

tained from CS27 requirements as specified by EASA [67]. The requirements specify a few load cases which
the rotorcraft must be able to withstand. These loads are given in g and can be found in table 10.2. The CS27
requirements specify load cases in five directions (up, down, front, rear and side) and for three systems. These
'systems’ are: the pilot, items of mass in the aircraft, and structural components. For this chapter, only the
latter is of interest; the other two categories are shown for comparative purposes.

To calculate actual loads from the maximum g-load the structure has to bear, it was chosen to multiply the
g-load by the maximum take off weight (MTOW). In equation 10.2, the load on the skid is derived for a 4g
situation.

F=1068-4-9,81 =40918N (10.2)

One must note that the CS27 requirements specify one extra load case for the landing gear of a helicopter
specifically; the landing gear of the helicopter shall be able to withstand a load of 1.33 times the MTOW at an
angle of 45° at the front in upward direction. This load shall be carried by the front of the landing gear only. For
the skids, the upward load of 1.5G was neglected since the structure can also withstand this when designed for
a downwards load of 4G.

To analyze the loads in the poles, the forces were assumed to be divided evenly over the four poles connecting
the helicopter to the skids, except for the load case with the force under a 45° angle, which is assumed to be
divided over the two front poles. The forces in the poles, skids and in the frond ends were derived for each load
case and the parts were sized accordingly. To demonstrate how the loads were derived and how the parts were
sized, the load case for a load coming from the front under a 45° angle will be taken as an example.

First, the load is transformed into a force per pole. This is done using equation 10.3, where the total load has
been divided by two.

P G-MTOW-g 1.33-1068-9.81
- 2 B 2

=6967N (10.3)

Note that the MTOW as derived in the Mid Term Report [8] is used. Next, a unit vector is derived for the pole.
In order to take away any confusion, an axis system is set up with the x-axis pointing in flight direction, the
y-axis towards the left of the helicopter and the z-axis up. The unit vector is given in equation 10.4.

3 h i_tan(b)h,+hk (10.4)
tan(a)l TR ’

apole =

In equation 10.4, a is the angle between the horizontal and the pole when looking at the helicopter from the
side and i, j and k are the unit vectors on the x, y and z axis, respectively. Next, the force is written as a vector
in this axis system. The force in vector format is given in equation 10.5.

F=—Fcos(45°i + Fsin (45°)k (10.5)

In equation 10.5, F is the magnitude of the force. With the unit vector in the direction of the pole and the force
also in vector format, the force can now be split in two parts; one parallel to the pole and one orthogonal to it.
This is simply done by taking the dot product of the force vector with the pole unit vector to obtain the vector
of the force parallel to the pole, which can be seen in equation 10.6. Subtracting that vector from the original
force vector, results in the vector of the force orthogonal to the pole, as can be seen in equation 10.7. Taking
the magnitude of these vectors, the magnitude of both forces can be derived. For both calculations, 80° was
taken for the angle a to verify the model. Later, an optimum will be found, to minimize weight.
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Table 10.3: Material properties for aluminum and steel.

Aluminum 6061-T6 | Value | Unit Steel Value | Unit
E 6.89 Gpa E 220 Gpa
yield 276 Mpa yield 207 Mpa
Density 2700 | kg/m3> || Density | 7850 | kg/m®

Fy = Filpore = (—F cos (45°) (— ) + (Fsin (45%) (?) =4066.4N (10.6)

tan (a)l

Fy =|F—(F) - fpore) | =5657N (10.7)

Now the forces parallel and orthogonal to the pole are known, the pole can be sized. Here, bending, buckling
and compression will be taken into consideration. Since tension is not a critical load, as the only tension forces
the skid poles will experience are due to the weight of the skids, which are assumed to be small compared to
the other stress criteria, it will not be taken into account. Torsion is also neglected, since there are no torsional
bending moments acting on the poles.

To size for buckling, equation 10.8 was used to determine the minimum buckling load.

72El

W (10.8)

buck =
In this equation, E is the modulus of elasticity of the material, and I is the moment of inertia of the beam. With
the purpose of verifying the calculations with Inventor at a later phase in mind, a steel, solid, circular beam
is assumed. The E modulus for steel is 200 GPa, as can be seen in table 10.3 and the moment of inertia of a
circular solid beam is equal to %r“. 1 is the length of the beam, and K is a measure for how the beam which
is considered is fixed. The pole is assumed to be fixed at both ends (so both ends can withstand a bending
moment). For that case, K is equal to 0.5. With all this information, putting Fj as the buckling force, the
minimum moment of inertia can be derived, which results in a minimum radius the pole must have in order
to resist buckling. This radius is derived in equation 10.9.

4 4F||(Kl)2 _ w
\ “mE T Tminne = 0-0042m (10.9) 0= (10.10)

To check for bending, equation 10.10 is used. Here, o is the stress in the point of interest, M is the bending
moment on the beam, y the distance from the neutral axis to the point which is under consideration and I
the moment of inertia. The maximum load case is of interest and therefore the maximum moment and the
maximum distance y are needed. The maximum moment in the beam is equal to the orthogonal force F;
times the length of the pole, I. However, a certain component has yet to be added; this is the component due
to the fact that the force on the skids does not act directly on the skids, but is modelled to act on the front end
of the skid system. The moment this adds to the pole is equal to the orthogonal distance from the point where
the pole touches the ground skid multiplied by the force. This distance is given by r sin (45°). With a radius of
10 cm as specified, this moment is equal to 492 Nm. The maximum distance from the neutral axis to the point
of interest, y, is equal to the radius of the beam. Assuming a solid circular beam, one can now come up with an
expression for the minimum radius to withstand bending, inserting the yield stress and the moments. Thus,
equation 10.10 can be rewritten to equation 10.11.

(0.1sin (45°)F + F1 ) Ty [(492 +3960
T yicld = . L M bend. =B (n—) =0.0302m (10.11)
Zrminbend Zo.yield

Assuming the maximum compression strength of a member is approximately equal to the yield stress, a mini-
mum area for the beam can be derived resulting in, when assuming a solid circular beam, a minimum radius,
as stated in equation 10.12.

Ay =T il =1/ 066 0025m (10.12)
comp Oyield comp O yield 2071067
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When comparing rminy,c.» T'minpeng @04 I'mingop,» ON€ can observe that the largest minimum radius is 7'miny,,,»
which equals 3.02 cm. Thus, this is the radius a solid circular beam must have to be able to withstand this load
case. If other load cases would result in a bigger minimum radius, the bigger radius would of course be used.
Next, the loads in the front end will be considered. Since this is a very small part, buckling is not of interest and
only bending will be considered. The maximum moment was derived earlier and determined to be 492 Nm.
Using the same approach as in equation 10.11. This results in a minimum radius of 1.44 cm. Since this is the
only load case for the front end (the other loads are assumed to act directly at the pole-skid connections) this
is the load case for which the front end will be designed.

As a last step, the ground skids need to be designed. However, since the loads are modelled as point loads
at the end of the poles, and since the 45° degree force must be retained by only the front poles, the skids are
not carrying any loads from this perspective. Thus, to model the skids, an assumption has to be made. It is
assumed that the skids carry the x-axis component of the force acting on 1 pole. This assumption follows from
the assumption that the forces are equally distributed over the 4 poles since the skid then needs to transfer half
of the load the front pole gets to the back pole. For the 45° degree force load case, the skid force is zero since
the front poles alone have to carry this load. The skid sizing will thus be shown for the only load case where
the skid carries a load; the frontal load case of 4 G. The parallel force is found by taking the dot product of the
force vector (—Fi) and the unit vector in direction of the pole. This force is derived in equation 10.13.

_ . 4-MTOW-g
Fsgia=Fi=—"7—"—

=10477N (10.13)
The skids will only be sized for buckling since they are long and are assumed not to carry any bending loads.
Entering the skid force in equation 10.8 provides again a minimum moment of inertia, which results in a min-
imum radius, as can be seen in equation 10.14.

o, FgaKD? 4]4-10477(05-2)2
I—Zrmin—T.rmm— W—Oowm (10.14)

The length of the ground skids, [ in the equation, is assumed to be 2 m, derived from the helicopter geometry.
All parts are now addressed. The final radius of the pole will be the minimum radius for the load case which
results in the highest minimum radius needed to withstand that case. From the model, it became clear that
the forward force was the most critical for the poles, resulting in a pole radius of 0.036 m. The front end was
sized for the 45° degree load case, since this is the only case for which the front end bears a load. This resulted
in a radius of 1.44 cm for the front end. The skids are sized for the forward load, since this is the only case for
which the skids bear a load. This resulted in a skid radius of 0.9 cm.

Please note that the skid components were modelled as steel solid circular beams for the purpose of validating
the model against Inventor only. The actual skids might not be made of steel and might not be solid circular
beams. The final design is an output of our CAD program, and can be found in chapter 12.

10.2.3. INVENTOR VALIDATION

The sized skid was put in inventor and the stresses were calculated for the loads cases. The stresses calculated
in Inventor, along with the stresses calculated by the model and the differences between the two can be found
in table 10.4.

In table 10.4, one can observe the difference in percentage between the model calculated stresses and the
stresses calculated using Inventor. Two aspects of these differences are interesting; at some points the model
estimates zero load but inventor does calculate a small load and bending loads have a higher discrepancy than
axial stresses. Two reasons for the discrepancies can be addressed. The first is that Inventor takes gravity into
account, which results in small stresses in members where the model assumes no load. This is also why the
bending loads differ more; the bending moment increases by the length times the force so the moment differs
more than just the extra force due to gravity. The second reason for small discrepancies is that Inventor does
not let the user specify beam dimensions exactly, one can only choose out of a list of preset thicknesses. While
this closely resembles the skid, it is not exactly the same. All in all, the model showed sufficient resemblance
and differences in the range of 3-10 percent are acceptable, seeing as Inventor takes gravity into account. The
results Inventor provides, are thus considered to be accurate. Thus, Inventor calculations can be used for stress
calculations during the sizing of the structure.
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Table 10.4: Stresses calculated by the model and Inventor compared.

Load Case Load Inventor [Mpa] | Model [Mpa] | Difference [%]
axial pole 0.899 0.875 2.7
45 degree force | bending pole | 120.85 133.118 10.2
axial skid 0.899 0 -
axial pole 1.922 1.861 3.2
Downward bending pole | 151.9 146.371 3.6
axial skid 0.01 0 -
axial pole 0.958 0.93 2.9
Sideward bending pole | 78.816 73.186 7.1
axial skid 0.028 0 -
axial pole 0.053 0 -
Frontal bending pole | 228.728 207 9.5
axial skid 41.045 42.548 3.7
Table 10.5: First iteration skid sizing.
Length [cm] | Outer radius [cm] | Inner radius [cm]
Pole 70 3.2 -
Ground skids | 200 1.3 1.2
Front ends 16 1.5 1

10.2.4. FIRST ITERATION SKID SIZING

Now Inventor and the model are both validated, the model is used once more to come up with a first iteration
on the skid size. First the material was selected. It was found that by making the poles out of aluminum and
the skids and front end of steel, the skids were light yet resistant to impact. These materials cannot be welded
together and will be joined using bolts. Since aluminum has a lower Young’s modulus than steel, the poles can
absorb more energy on impact, thus reducing impact shocks for the pilot. It was decided to keep the members
circular in order for them to be able to withstand loads in every direction with the same strength. However, it
was decided to make some members hollow, circular beams in order to decrease their weight. Since the poles
are already very big, only the steel skids and front ends were made hollow. This was done by first taking the
biggest possible outer radius for the ground skid such that the moment of inertia was kept constant but it still
had enough area to withstand pure compression. This outer radius was found to be 1.3 cm, corresponding to
an inner radius of 1.2 cm. The front end was then sized to be about as big as the skid in the same way. This
resulted in an outer radius of 1.5 cm and an inner radius of 1 cm. These final skid parameters can be found in
table 10.5.

10.3. BODY STRUCTURE

The body structure design can be divided in the following subsections: legislation, body types, materials and
design. In the next subsections the steps taken to get a body structure are explained.

The body structure should comply to the legislation and mission need. This section explains the design of the
structure. After the legislation is analyzed, different body types are compared, a material is selected, and the
final structural design will be presented.

10.3.1. LEGISLATION

The requirements in table 10.2 also apply to the design of the main structure. As can be seen in the table, EASA
has defined a maximum load factor of 4g on load bearing structures. This is a legislative requirement which
can be found in CS-27 [68]. There are two other load cases found in this document. One load case can already
be found in section 10.2: this is the load of 1.33 MTOW under an angle of 45°. Another load case to consider
occurs during flight. This is a gust load of three and a half times the natural acceleration.
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Table 10.6: Summary of different body types.

Advantages Disadvantages
High strength to weight ratio High cost of manufacturing

Tubular Can usually be repaired at field level | Labour intensive due to manual labour
Strong in every direction Takes up internal volume

Easy to manufacture

Monocoque Space efficient lowest strength to weight ratio

Semi-Monocoque | Lighter than monocoque Relatively low strength to weight ratio
Reduced construction cost

Bonded Little manual labour required High safety needed factors due to fatigue
Composites

Figure 10.2: Packaging of the subsystems.

10.3.2. BODY TYPES

In current helicopter design, four body types are often used; tubular, monocoque, semi-monocoque and
bonded. These body types are considered for the fuselage design. The different body types are briefly ex-
plained and table 10.6 is made to compare the advantages and disadvantages [69].

A tubular structure is a chassis made of welded or bolted tubes. A monocoque is a structure with a skin that
will carry loads, with stringers and longerons added for structural rigidity. A semi-monocoque is a crossover
between monocoque and tubular. A bonded structure is a load bearing structure made of composites.

In table 10.6 the trade off between body structures can be seen. It was decided to work with the tubular body
structure due to ease of maintenance and time constraints.

10.3.3. MATERIALS

The following materials were considered for the tubular structure: steel, aluminum, tungsten and titanium.
Due to heavy vibrations, the fatigue stress was considered the critical parameter. Therefore, the main material
for the tubular structure is chosen to be steel, which has significantly better fatigue properties than the other
metals considered[70]. Other advantages of steel are its low price and its ease of production.

10.3.4. DESIGN

In order to design the truss structure, a packaging is made first. The packaging used can be seen figure 10.2. It
is explained in detail in chapter 12. As seen from the figure, the elements of mass are placed close to the centre
of gravity. This is done to keep the centre of gravity as close as possible to the centre of the hub, and to limit
the bending moments in the trusses.

The structure is designed with respect to the approximate loads. The point loads were assumed to act on the
points in the structure where the beams collide. Thus the points where the masses are connected, at that point
the beams should collide. Therefore a number of colliding points were specified and from there a tubular
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Figure 10.3: An example of a load case.

structure is designed. The beams connecting the point loads were strategically chosen to provide enough
rigidity for carrying the loads.

From this design each of the six load cases described in the legislation were modeled in Autodesk Inventor.
The four load cases described in table 10.2 are tested with the fixed constrains on the landing gear. These con-
straints are on the landing gear because CS-27 describes these are the loads in a emergency landing. The load
case of 1.33 maximum take off weight in a direction of 45 degrees upward and aft is also taken into account.
The final load case is a 3.5g acceleration during flight. An example of a load case is shown in figure 10.3. This
example is the load case of four times the natural acceleration in upward direction.

The loads per beam can be read from Autodesk Inventor. The required diameter for a beam can be calculated
by the buckling stress equation 10.9, which is already stated in section 10.2.2. The required area was calculated
using equation 10.12. Putting this all together gives a configuration which can be seen in table 10.7 and figure
10.4.

The final weight of the truss structure is 128.1 kg. Therefore the weight budget is not met. Even though the
budget is not met, together with the landing gear the total weight is just over budget. The total budget of these
components was 154 kg. The final preliminary design weight is 164 kg.

10.4. INTERIOR DESIGN

Now the body of the helicopter is designed, it is still empty and some critical systems need to be put into it.
Systems which will be considered and discussed are:

e Lighting
¢ Interior
* Avionics

* Mission Payload

These subsystems will be eleborated upon below.
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Table 10.7: Final parameters of the truss structure.

LC1 LC1 Lc2 LC2 LC3 LC3 Length | r LC1 | A LC1 | r_ LC2 | ALC2 | r LC3 | A LC3

(MPa) | (N) (MPa) | (N) (MPa) | (N) (mm) (mm) | (mm2) | (mm) (mm2) | (mm) | (mm2)
1 20.6 2472 12.7 1524 | 94.6 11352 917.8 X 11.94 X 7.36 6.06 54.84
2 -17.3 -2076 | -13.5 -1620 | -203 -24360 854.9 2.41 -10.03 2.13 -7.83 8.27 117.68
3 -47.3 -5676 | -10 -1200 | -442 -53040 354 1.65 -27.42 0.76 -5.80 5.05 256.23
4 -50 -6000 | 55.5 6660 -200 -24000 1204 5.78 -28.99 | x 32.17 11.56 115.94
5 59.5 7140 -43.6 -5232 | 232 27840 1250 X 34.49 5.60 -25.28 12.92 134.49
6 -17 -2040 | -21.7 -2604 | 262 31440 1201 3.36 -9.86 3.80 -12.58 13.19 151.88
7 -8.1 -972 26.2 3144 -122 -14640 450 0.87 -4.70 X 15.19 3.37 70.72
8 18.8 2256 | 73.7 8844 -164.7 | -19764 1031 X 10.90 X 42.72 8.98 95.48
9 -57.5 -6900 | -21.7 -2604 | -285 -34200 473 2.43 -33.33 1.50 -12.58 | 5.42 165.22
10 | -21.8 -2616 | 41.8 5016 -238.1 | -28572 603 1.91 -12.64 | x 24.23 6.31 138.03
11 | 61.5 7380 -64.2 -7704 | 780 93600 401 X 35.65 2.18 -37.22 | 7.60 452.17
12 | 16.5 1980 | 0 0 -257.9 | -30948 556 X 9.57 0 0.00 6.06 149.51
13 | -36.9 -4428 | 23.9 2868 | 339.8 | 40776 713 2.94 -21.39 | x 13.86 8.92 196.99
14 | -61.8 -7416 | -33.9 -4068 | -543.3 | -65196 242 1.29 -35.83 0.96 -19.65 | 3.83 314.96
15 | -2.9 -348 -52.3 -6276 | -260 -31200 768 0.89 -1.68 3.77 -30.32 | 8.40 150.72
16 | 70.3 8436 -17.4 -2088 | 337 40440 612 X 40.75 1.73 -10.09 | 7.62 195.36
17 | -37.1 -4452 | -55.2 -6624 | -672 -80640 759 3.14 -21.51 3.83 -32.00 13.35 | 389.57
18 | -78.2 -9384 | 31.1 3732 -883.9 | -106068 | 700 4.20 -45.33 | x 18.03 14.12 | 512.41
19 | 184 2208 | 36.4 4368 -211.5 | -25380 1400 X 10.67 X 21.10 13.82 122.61

LIGHTING

For the lighting of the plane, a distinction can be made between outside signal lighting and inside cabin light-
ing. The CS27 requirements stipulate the need for a green/red light on both sides on the outside of the aircraft.
A tail light is also required. Lights from "Whelen’ were chosen due to their affordable price. The Whelen mi-
croburst II with tail light kit was chosen to mount on the helicopter for its light weight and low cost. This
package consists of two microburst II lights, one green and one red light, depending on which side of the he-
licopter they are mounted on, and a white tail light, the microburst I. The specifications of these lights can be
found in table 10.8. The interior lighting is not treated in this report, as it is assumed to be relatively cheap
and not use much power. Points of interest for helicopter interior lighting would be, for example, vibration
resistance.

INTERIOR SYSTEMS

For the interior, three main components are considered. Firstly, the helicopter needs two seats. The company
"Fischer+Entwicklungen’ has kevlar helicopter seats available of 10 kg[71]. A price is not listed, but $10,000 is
budgeted per seat.

Next, a fire extinguisher is needed, as this is a necessary precaution every helicopter must have. A company
called H3R Aviation [72] sells Halon fire extinguishers. Halon is a extinguishing agent which is used a lot in
aviation. Since Halon damages the ozone layer, its production is prohibited. However, for the aviation industry,
Halon is recycled and approved for use. The benefit of using halon is that it is a non toxic gas. As opposed to
liquid or powdered extinguishing agents, it does not leave any trace after use and thus requires no clean up
and does not damage any equipment. The H3R model A344T Halon 1211 Fire Extinguisher was chosen, as the
H3R company recommends this extinguisher for small rotorcraft for 4 passengers or less - including the pilot.
The specifications of this extinguisher can be found in table 10.8.

Last, the control sticks must be put in the cabin. Since this helicopter will fly using a fly-by-wire system, and
since such a system has not frequently been used in rotorcraft, this component is difficult to size. It was as-
sumed that every pilot needs two high-end joysticks (collective and cyclic). It is a requirement that, for a two
person helicopter, both seats must be fully equipped to control the aircraft. Therefore a total of 4 high-end
joysticks must be incorporated. A computer must also be taken on board to process the inputs to outputs to
the system. This computer will be assumed to weigh 20% of the four joysticks. This number is a very rough es-
timate, as no literature has been found on this topic. It is thus more a goal than an actual sizing. For the sticks
themselves, Olaf Stroosma, who works with the Control and Simulation department at the faculty of Aerospace
Engineering as lab manager of the 'Simona’ aircraft simulator, was contacted. He stated that, while the control
sticks were relatively cheap (+$250 per stick, including attachments [73]), the cost of control systems needed
would be of another order of magnitude. Based on these first estimation prices, $8,000 is budgeted for the

73 Delft University of Technology



13

17
8 1
14

9 15/

4 8
i 5 10
7
2 1
2 6 11

Figure 10.4: Final configuration of truss structure.

entire control system. The system is estimated to weigh 4 kg and use 20 W of power. This again is a rough
estimation because of lack of literature, based on simple size of the sticks et cetera.

AVIONICS

The helicopter will need to have the required instruments on board. It was chosen to use the 'Glass Cockpit’
concept, meaning that all-digital instruments were chosen. Since the helicopter has two seats from which
the helicopter needs to be controllable, two full sets of flight instruments need to be available. The necessary
equipment per pilot for a helicopter consists of:

» Standard Sixpack instruments (altimeter, airspeed indicator, turn and bank indicator, vertical speed in-
dicator, attitude indicator, heading indicator)

* A gps system

* A communications system

* A pitot static system

 Aflight data computer to digitize the data from the pitot static system

Big manufacturers like Robinson helicopters are frequently seen to sport Garmin flight decks aboard their
helicopters. Since Garmin has a clear catalogue of available products and since their products can be used for
multiple purposes, it was chosen to implement Garmin avionics in the H2Copter. As a replacement for the
standard six pack avionics, the Garmin G500H was chosen. This contrapment consists of two electric Multi
Functional Displays (MFD’s), one showing the standard sixpack instruments, and the other MFD showing what
it is the pilot wants it to show. It is exactly this kind of flexibility what makes the G500H suitable for this
helicopter, the avionics can be adapted for the kind of mission that has to be flown. The possibility even exists
to equip the helicopter with more functions such as weather and traffic mapping, plugging these functions
into the MFD. In section 10.4, another use for the MFD will be presented. The specifications of the G500H can
be found in table 10.8. Next, a GPS system is needed. Garmin again has a suitable system available, combining
a communications system with a gps receiver. This is the Garmin GTN635. The GTN635 was chosen for its
relative simplicity, nothing more than a plain gps and communications system are needed. The specifications
of the GTN635 can be found in table 10.8. Note that the two Garmin systems can be fully integrated; the
GTN635 data can be displayed on the G500H and vice-versa. This further increases ease of use for the pilot.
Next, a pitot static system is needed. For pitot tubes, the Aerogizmos Pitot Tube was chosen for its compact,
aerodynamic design and its relative low cost. No specifications of this tube can be found, therefore an esti-
mated guess is made with respect to its weight; 0.4 kg per tube. Note that two pitot tubes are necessary; this is
for redundancy purposes.

74 Delft University of Technology



Table 10.8: Specifications of interior systems [71, 72, 74-77].

Component Quantity | Power [W] (per unit) | Weight [kg] (per unit) | Cost [USD] (per unit)
Whelen Microburst I 1 2.1 0.07 166
Whelen Microburst II 2 0.8 0.09 166

Fischer Seats 2 - 10 (10,000)

H3R Halon Fire Extinguisher 1 - 1.02 100
Control Systems 1 (20) 4) (8,000)
Garmin G500H 2 44 2.9 25,000
Garmin GTN635 2 10 2.8 10,400

Aerogizmos Pitot Tube 2 - 0.4) 160
Honeywell PG1152BC 1 3 0.65 (1,000)
Total without FLIR 134.7 38.12 100,718
UAV Vision CM202 1 55 3 (20,000)
Total with FLIR 189.7 41.12 120,718

Of course, the pressures obtained by the pitot tubes are analog, they need to be converted to digital data in or-
der to be used by the glass cockpit. A flight data computer is needed for this. However, as aerospace engineer-
ing companies are quite secretive with regard to the flight data computers they produce, it was not possible to
obtain a a flight data computer for which all the specifications were know. Honeywell has a flight data com-
puter, the Honeywell PG1152BC Air Data Module (ADM), which seems capable to cope with the requirements
for the helicopter. The price of the ADM was again estimated roughly, since Honeywell did not list a price, the
estimate being $1.000 USD, based on the current price of a good quality laptop. Honeywell was contacted with
regard to the price. The other specifications were found and can be seen in table 10.8. Note that one ADM is
used, if this ADM however has only one input, two must be used.

PAYLOAD

The payload that is taken on board for the mission is dependant on the mission itself. Since this helicopter is
designed as surveillance helicopter from origin, surveillance equipment is looked at in this report, consisting
of a Forward Looking Infra Red (FLIR) surveillance camera. Some cameras were found but most of them were
very heavy and big. This was because these cameras are mostly designed for big aircraft which fly high. Since
this helicopter flies at a relatively low altitude, a smaller camera can be used, and the Unmanned Aerial Vehicle
(UAV) market for FLIR cameras was analyzed. A small FLIR camera weighting 3 kg is found: UAV Vision’s
CM202 [74]. It has multiple sensors; Electro-Optical (EO), Infra Red sensors, a Laser Range Finder and an
Mluminator. It is capable of object tracking, real-time video stabilisation motion detection and geo-lock. The
images of this camera can be displayed on the MFD’s of the G500H. This way, one person can fly the plane and
one can focus on surveillance, using the G500H as a surveillance screen. The CM202 price is not found, the
company would not specify the cost of this gimbal. $20,000 USD is put aside for the camera, as a rough goal.
Please note that installing the CM202 is optional; it is not a necessity to put on the helicopter. Therefore two
totals will be given; one with and one without the FLIR camera. The specifications can again be found in table
10.8.
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11

STABILIZERS AND CONTROLLER

Stability is known to be a crucial topic concerning helicopter design. Without help of a control system, he-
licopters can be unstable. A stability analysis is performed and a controller is designed. In section 11.1 the
approach will be discussed, as well as the assumptions and the initial data. Then, an explanation will be given
about the pilot controls in section 11.2. After this, the equations of motion will be derived in section 11.3 for
symmetric and asymmetric flight. The drag coefficient will be explained in section 11.4. In section 11.5 an
explanation will be given about the steps taken to determine the trim conditions. The longitudinal and lateral
stability analysis will be explained in sections 11.6 and 11.7. The responses and controller gain implementa-
tion process will be discussed in section 11.8, which uses the requirements set by EASA. Finally the stabilizers
design process will be shown in section 11.9. The validation and verification process, which also includes a
sensitivity analysis is provided in section 11.10. The purpose is to have a stable design with horizontal and
vertical stabilizers.

11.1. OVERALL APPROACH AND ASSUMPTIONS

The strategy to perform a stability analysis and to design the stabilizers is shown in figure 11.1. The stabilizers
are important to provide trim conditions and stability. First one has to analyze several tail concepts and choose
the most beneficial concept for the design. After this the equations of motion will be defined. This is first
done for a conventional helicopter without tails, after which it will be extended to a coaxial configuration
with tails After this process, the drag coefficients and the thrust distribution of the rotors will be determined.
The stabilizers and tail boom will then be designed. This is an iterative process, because it is dependent on the
trim conditions and the stability of the helicopter. Furthermore, a structural analysis will be performed and the
stabilizers and tail boom should satisfy the legislation and flying qualities. Some dimensions used during the
class IT weight estimation will be chosen first, after which it will be updated to achieve the optimum design. The
lift coefficient of the stabilizers will be determined with the lifting line theory. After linearizing the equations
of motion, the eigenmotions will be analyzed and controller gains will be implemented if necessary. This is
also an iterative process, since it should satisfy the regulations and flying qualities. The blocks in green show
the main aspects of this chapter, which also requires some important decisions. The design of the stabilizers is
mainly influences by the trim conditions and the stability analysis. The decision has been made to first show
the stability analysis in this chapter, before discussing the stabilizer design process. Before this process starts,
an explanation will be given about the pilot controls.

5. Design the stabilizers and tail
boom

D the drag 4. Determine the
Start of loop 1lu|mh|:“':::|e umlum of mutlo cueﬂicielm of the distribution of the
fura coaxial thrust pi
with tails nnd rntnr the rotors

6. Determine the tail

10. Linearize the Chel:k legislation
12. Anarﬂe Itabillty i mmh“ uations of motion 9. Determine the and literature for 7. Perform cn::gi::fl::‘fhle":aﬂ
ysis (e.g. and determine the trim condition ulblllty and flying structural analysis with the lifting line
quality

theory

13. Implement '—‘

gains in
case of instability

14. and
validation process

End of loop

Figure 11.1: Graphical representation of the stability analysis and tail design.
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Table 11.1: Initial data for the stability analysis.

Parameter Value | Unit
Gravity constant 9.81 [m/s?]
Lift slope 5.86 [rad™1]
Blade solidity 0.0323 | [-]

Lock number 6.7 [-]
Mass 1067 [kg]
Density 1 [kg/m°]
Rotor radius 4.5 [m]
Mass moment of inertia (yy) | 1738 [kg m?]
Mass moment of inertia (xx) | 870 kg m?]
Mass moment of inertia (zz) | 2056 [kg m?]
g 1.85 (m]

k2 0.85 (m] Figure 11.2: Pilot controls for the H2Copter.

The assumptions made during this process are listed below:

* The tail boom is assumed to be thin walled;

* Coupling effects of the symmetric and asymmetric equations of motion are neglected;
e Initial oscillation is neglected and constant RPM is assumed;

* Neglect center of gravity shift during flight;

e During trim, ayg; = Ocg1, a1r2 = O0cr2, bir1 = 0cr1 and by r2 = O.g and thus the tip path plane coincides
with the shaft plane ;

» The vertical tail force is neglected in the longitudinal equations of motion, as is the horizontal tail ne-
glected in the lateral equations of motion;

* The drag component of the vertical tail has been neglected;
* The S-force is neglected in the calculations;

¢ The matrix of inertia will be constant if the vehicle does not deform and aero-elastic effects are assumed
to be small and can be ignored;

* An rotorcraft mass symmetry plane in the Xj, and Z, axis;

* The influence of the earth’s curvature is negligible if the duration of the motion is short. Then, the normal
earth fixed reference frame and the vehicle carried normal earth reference frame will coincide;

¢ Aircraft mass is constant over a small time-interval,

* The gravitational acceleration g is assumed to be 9.81 m/s?;

The initial data used during this process is shown in table 11.1.

11.2. H2COPTER PILOT CONTROL

The H2Copter will be equipped with standard helicopter controls. This will assure comparable flight methods
as other models making it easy for the crew to control. These controls include a stick, a collective and pedals,
explained below.

e stick: push-pull input, forward and backward flying, pitch control
e stick: left-right input, sideways flight left and right, roll control
e collective:controlling rotor thrust

 pedals: directional control, yaw control

The pilot cockpit controllers itself are similar to other conventional helicopters. However, processing these
inputs and linking them to the exact H2Copter maneuvers is different. This is because of the servo flaps on
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the blades, which means there is no mechanical link to the pilot controls and a fly-by-wire system is required.
Pilot’s inputs go to the on board flight computer calculating the exact servo flap pitch at every moment in
order to achieve the desired maneuvers of the pilot, figure 11.2. So for example if the collective is pulled up,
the flight computer will calculate the different collective pitch angles of both rotors (since both rotors deliver a
different thrust). For conventional helicopters, yawing is done by changing the tail rotor thrust. For the coaxial
H2Copter, this is done by changing the thrust distribution over both rotors. If one rotor is loaded more than
the other one, a moment is induced around the top axis and the H2Copter will yaw. This increase in rotor
loading is achieved by setting a higher servo flap deflection on one of the rotors.

11.3. DERIVATIONS OF THE EQUATIONS OF MOTION

In this section, the reference frame with the center of gravity is defined first. After this, the equations of motion
will be derived using free body diagrams. This step can be seen in figure 11.1 as block 2.

11.3.1. REFERENCE FRAMES

In order to stay consistent within the calculations, a reference frame will be defined. A body reference frame,
right-handed orthogonal axis-system with the origin fixed at the center of gravity of the aircraft is used. In
a horizontal flight, the x;-axis points forward and is in the symmetry plane. The positive zj;-axis is directed
downward and the positive yj-axis points to the right of the rotorcraft. The latter axis is also perpendicular
to the symmetry plane. The most commonly used body-fixed reference frame definition is the stability ref-
erence frame. In this frame the x;, is in the direction of the wind, which can be projected onto the plane of
symmetry. This reference frame is shown in figure 11.3. In reality, adding the aerodynamic angle of attack 6 ¢
and the aerodynamic side slip angle § to the body fixed reference frame seems more suitable. This results in
the aerodynamic reference frame. In this reference frame, the origin is still the same. This is shown in figures
11.4 and 11.5. One may also notice the angles a;, which is the longitudinal flapping angle, b;, which is the
lateral flapping angle, 6., which is the cyclic pitch angle, a., which is the control plane angle and a,, which is
the disc plane angle. The packaging will be discussed in chapter 12. The center of gravity will be beneath the
rotors during the entire flight envelope. This will be achieved by placing the hub above the center of gravity
location during early design phase. The decision has been made to assume no center of gravity shift during
the calculations of this chapter.

11.3.2. LONGITUDINAL EQUATIONS OF MOTION

In this section, the equations of motion will be explained in several steps. It is highly recommended to follow
these equations with figure 11.4. The equations of motion are shown in equation 11.1 [78] for a simplified
model, where the rotor drag is neglected, as well as the tail.

X =-Wsin(0f) — Dpoaycos(@f) + Ty sin(0cr1 — a1r1)
7= Wcos(Hf) = Dpoay sin(Hf) —Ticos(@cr1 — airy) (11.1)

M = -Tlp1sin(@cr1 — air1)

Equations 11.2-11.4 are used in the design process and stability analysis. In these equations, the H-force is
tken into account, as well as the fact that the design is coaxial. These include the horizontal stabilizer and the
bending moment caused by the shaft and the hubs. In the X and Z equations the drag caused by the shaft and
the hubs are included in the body drag, which is assumed to be a point force in the center of gravity. However,
in order to achieve more realistic results, they are used as separate drag forces in the moment equation. Note
that the arm of the shaft force is partly inside the fuselage. This leads to the distance term next to the shaft drag
term in the pitch moment equation, 11.4.

X =-Wsin(0¢) — (Dpody + Demp) cos(@f) + Ty sin(@cr1 — a1r1) + T2 8in(0cr2 — a1r2) 11.2)
—Hroror1€08(0cr1 — a1r1) — Hroror2 €08(0cro — a1r2) '

Z =W cos(0f) — (Dpoay + Demp) sin(@f) — T1 cos(@cr1 — a1r1) — T2 c0s(Ocr2 — a1r2) (1L.3)
—Hrotor18in(0cr1 — a1r1) — Hrotora Sin(0cr2 — a1r2) — Ly '

M = -Tylg1sin(0cp1 — air1) — Tolp2sin(@cr2 — arr2) — Luly
+Hroror1Ir1€08(0cRr1 — a1r1) + Hroror2lr2 C08(0cr2 — a1R2) (11.4)
+DpupUr1 + Ir2) +Dshaft(0-5(lR1 —0.75)+0.75)
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Figure 11.5: Lateral free body diagram.
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Table 11.2: Frontal flat plate area determination.

Input Output
Fuselage
Fuselage frontal area 1.7m*
Fineness ratio 3.17 fr 0.0765m*
Cp / 0.045
Hub and shaft
Hub frontal area 0.1m?
Shaft frontal area 0.5m?
Diameter shaft 0.3m fms 0.15m*
CD e pmo 0.47 fmn | 0.0494m”
Drag ratio 1.05 fmn | 0.0494m*
Cp,,, 0.3
Interference factor 1
Landing gear
Landing gear frontal area 0.09m* frana | 0.072m?*
CDlund 0.8
Rotor / fuselage interference
Delta Cp 0.018 fint | 0.0306m*
Miscellaneous
Camera, door handles, pitot static tubes etc. | - fmisc | 0.08m*

The drag coefficients in these equations will be discussed in section 11.4.

11.3.3. LATERAL EQUATIONS OF MOTIONS

The lateral equations of motion during forward flight are shown in equations 11.5-11.7. This includes the effect
of the rotors thrust and the vertical tail. A free body diagram is shown in figure 11.5.

Y= Wsin(gb) + T1 Sin(@ch + blRl) + Tg sin(Bch + ble) (11.5)
L= Tilg1sin(@cr1 + bir1) + Tolp2sin(@cra + big2) + Ly ly (11.6)
N=L,l, (11.7)

As one may notice in these equations, the S force is assumed to be small and is neglected in these equations.

11.4. DRAG COEFFICIENTS

The drag coefficients of several components will mainly be estimated by the methods described in Prouty [9].
The drag coefficients determination is shown in figure 11.1 as block 3. The method in Prouty is based on
references and statistics. One should for example determine the fineness ratio of the fuselage, which is the
length divided over the width. With this value, the drag coefficient of the fuselage can be determined with the
reference graphs in Prouty. This is done for the fuselage, the hub, the shaft and the landing gear. Each of them
needs different parameters as input. Furthermore the rotor and fuselage interference has been estimated as
well as the miscellaneous drags, including the camera, door handles and pitot static tubes. The results are
shown in table 11.2. Note that the drag coefficient at the output column is already including the frontal area.
The H force (drag) coefficients of the rotor were determined with the method described in chapter 7.

The drag coefficients can be used to determine the drag forces. This is done by taking the product of the
drag coefficients including the area and the dynamic pressure. With the methods described in Prouty [9], one

80 Delft University of Technology



Table 11.3: Tail drag coefficients.

2
Profile drag coefficient 0.01 . L (1+8n) (11.8)
Junction drag coefficient | 0.072 Dindyqiy ~ mTAR )
Induced drag coefficient | 0.008

can also determine the drag coefficient of the tail. This consists of the following components: profile drag
coefficient, induced drag coefficient and junction drag coefficient.

The profile and junction drag can be estimated with the tail dimension and profile. The induced tail drag co-
efficient can be determined with equation 11.8. In this equation §, is the span efficiency, which is estimated
at 0.1. As one may notice, the determination of the tail drag coefficient is an iterative process with the design
of the tails. It is dependent on the aspect ratio, surface area and lift coefficient. These parameters will be dis-
cussed later. The results of the final iteration are shown in table 11.3.

11.5. TRIM CONDITION

To assure comfortable and safe flying conditions, the trim state is determined. The trim state is also important
for the linearization process. This chapter will elaborate on the trim during forward, stationary, horizontal
flight and therefore includes the blocks 4 and 9 of figure 11.1. The blocks in between will be discussed in section
11.9, where the stabilizers design process will be explained. The whole process contains a lot of equations,
steps and loops. Therefore, a flowchart has been made to make this entire process from determining the trim
conditions to calculating the eigenvalues more clear. This is shown in figure 11.6. In this figure, the calculations
concerning the trim conditions are listed, as well as the next steps including the linearization process. This
flowchart is therefore divided into two main groups. For each group the section number, in which the steps
are explained, is displayed.

Trim is defined as all accelerations being zero, which is also defined by equation 11.9. For each flight speed a
collective and cyclic rotor pitch, horizontal and vertical speed and a pitch angle are found. The horizontal and
vertical speeds can be determined with equations 11.10 and 11.11.

U= w=q=9'f=0 (11.9) u=Vcos@r) (11.10) w = Vsin(0y) (11.11)
The equations of equilibrium for trim are obtained by setting equations 11.2-11.4 equal to zero.

During trimmed flight the tip shaft plane is assumed to coincides with the shaft plane for both rotors, a;g; =
Ocr1 and ajp2 = O.r2. This will ease solving the mathematical equations. The thrust is needed for further
computations, this can be found using the equilibrium equations in the Z-direction, as shown in equation
11.12. Total thrust is provided by both rotors working together.

Tior = Ti + T2 = Wcos(Of) — (Dpody + Demp) sin@y) (11.12)

The total thrust required to comply with the equilibrium equations is found. From the aerodynamic calcula-
tions shown in chapter 7, the thrust distribution on both rotors is calculated in function of flight speed. The
rotors are loaded unevenly, at a certain flight speed, 43 m/s, the distribution becomes 50%-50%. At several
speeds, the distribution n was computed. Afterwards, this is formed into continuous relationships with flight
speeds using a polynomial fit over these discrete points, shown in equation 11.5.

1.5¢70-02V if20m/s=V
n(V)=<2-10"°-5V2-0.0014V +1.0293 if20m/s<V <43m/s
1 if V=43m/s

The total thrust is divided over both rotors, shown in equations 11.13 and 11.14.

1
_ Tpo = ——T, (11.14)
Tr 1+nTt0t (11.13) R2 1+% tot

The thrust coefficients for both rotors are found, as shown in equations 11.15 and 11.16.

Tr1 Tro
Clpi=—————— (11.15) ClTpp=——FF—— (11.16)

P(QRRl)zﬂan P(QRRZ)ZR'RIZQ
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Figure 11.6: Graphical representation of the steps taken.

From this point on, computations are similar for both rotors and thus performed twice. Relationship between
a. and 6, is given by 11.17. Combined with the assumption of a; = 6, and the trim equation, the following
angles are defined, equations 11.18-11.19.

Dtot

ac=00—arctan(ﬂ) (11.17)
u

=0.-0p=a;—0; (11.18) ag=ac—a;=—0;= (11.19)

Glauert’s theory, equation 11.20 [4], states the thrust coefficient with the implementation of equation 11.19.
The thrust coefficients were already found for both rotors with equations 11.15 and 11.16 using the thrust out
of the equations motion. Glauert’s theory is used to find the non-dimensional induced velocity A;.
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Horizontal and Vertical speed vs Total Flight Speed Trim Condition . Helicopter Pitch vs Flight Speed Trim Condition
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Figure 11.7: Horizontal and vertical flight speed for each trim
condition. Figure 11.8: Pitch for each trim condition
V(D)2 (V. (Do ?
Ctgrau=2Ai\/| = cos + | ——sin +A; (11.20)
QR w QR w

Compliance is also required for the blade element theory and the flapping equation for the thrust coefficient
and non-dimensional induced velocity computed earlier. Assuming small angles and using equations 11.21
and 11.22 the longitudinal and cyclic pitch can be determined. The problem comes down to a system of linear
equations with 2 equations and 2 unknowns per rotor. Cyclic pitch, knowing that a; = 6., is found from the
flapping equations 11.23 [78] and the collective pitch 8 in the blade element theory equation for CT, as shown
in equation 11.24.

14 Dot

=— 11.21 Ae= +
1% OR ( ) c=Hpar+ %

. 81y —2p(Ae + 1) — 4
l =

(11.22)

1123) = 2|20 (1+§ 2 A+ A 11.24
1- 12 BEM = CLo 7 | 500 FH Ac+Ay) (11.24)
So in the end, the system for 2 rotors solving for the required cyclic and collective pitch for each rotor consist of
twice equation 11.23 and twice 11.24. This gives 4 equations with 4 unknowns: 8.g1,00r1,0cr2,00r2, in matrix
as shown in equation 11.25.

s %,UZ _%# 0 0 Ocrt \ &ZNZ% —DZN/liRl
u Eip2 0 0 | |Oori| _ |5~ Cry HHT T Aim (11.25)
0 0 1+3p2 -Su | |Oere| | 2022t —2pdips .

So for each speed, the required cyclic and collective pitch is found for both rotors, figure 11.9. One can notice a
significant collective pitch angle difference between upper rotor R1 and lower rotor R2 since they both deliver
a different amount of thrust. The upper rotor is delivering twice the thrust during hover. The difference in
pitch angle becomes smaller and smaller when flight speed increases. The balance of thrust between the two
rotors will approximate 1 at speeds over 20 m/s. Helicopter pitch angle and the horizontal and vertical speeds
for trim conditions for each total flight speeds, as shown in figures 11.8 and 11.7.

The lateral equations of trim are obtained by setting equations 11.5-11.7 equal to zero.

The assumption has been made that byg; = 0.r1 and byge = .r2. To achieve trim equilibrium the roll angle
¢ should be zero to have zero Y force. Furthermore, the sideslip angle should be zero to have zero L and N
moment. This is because of the fact that the lift contribution of the vertical tail should be zero, which can only
be achieved if the lift coefficient is zero. The vertical tail coefficient is zero, if the sideslip angle is zero. This
means that at trim conditions, v, p, r and the roll angle are zero.
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Collective and Cyclic Pitch vs Flight Speed Trim Condition
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Figure 11.9: Required collective and cyclic pitch for trim conditions.

Table 11.4: Trim conditions at cruising speed.

Trim condition at V=39m/s

Up 38.96 m/s
wy -1.69 m/s
05 -0.0435 rad
qo 0rad/s
90R10 0.0895 rad
Ocri, 0.0384 rad
QQRZO 0.0891 rad
HCRZ() 0.0383 rad

11.6. LONGITUDINAL STABILITY ANALYSIS

In this and the following section, blocks 10, 11 and 12 will be discussed. In order to have a stability analysis,
one should linearize the equations of motion at a certain equilibrium condition. The non-linear equations of
motion for the symmetric flight are shown in equations 11.26-11.28. The decision has been made to analyze
a decoupled system, which means that the symmetric and asymmetric stability will be analyzed separately. A
decoupled system means in this case that the state variables v, p, r and the roll angle are zero. The asymmetric
stability is discussed in the next section.

X -mgsin(y) = m(u+ wq) (11.26) Z+mgcos@r) =m(w—uq) (11.27)

M=1,q (11.28)

X,Z and M are explained in equations 11.2-11.4. The defined forces and moments in these equations are
slightly different than the X, Z and M to be used during the linearization, because the weight terms are treated
separately.

The control variables are 6y and 6 and the state variables are u, w, 6 and q. The starting point of linearization
is a stationary equilibrium situation for which the following applies:
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° u=u

. we 130 * Oor2 =0Ooro,

* Ocr2 =0cpro,

* X=Xp=m g sin(f )
° Z=Zp=-m g cos(BfO)
M=My=0

* 0r=0p

° q:()

* Oor1 =0Oor1,
° Ocp1 = echo

This leads to the linearized equations of motion shown in equation 11.29. The forces and moments will go
through small changes in u, w, 6 and g which result in perturbations.

. X, X, Xor Xy i - Xp 1
At o G Sy —g-cos(fp) p W Au ZT’“
i Zu  Zw A 5 Zq OoR1
Aw | _| s e SL-g sin(fp0) SL+u0 | | Aw Oy - o
AO r 0 0 0 1 AO f 0
Ag My My Moy My Ag ] Moops
Iy Ly Iy Ly - by (11.29)
X0opo Xoer1 1 X0cro )
m m m
Zooo 20 Zcpo
+ABypo - ’(’)1 + AOcR1 - ’6’ +AO.R2 - 76’
MBORZ MHch MecRZ
I, L, | 1,

To determine the derivatives, one should know the relationship of the state variables with the forces and mo-
ments. During this phase, only the longitudinal derivatives will be determined, which means that the state
variables of the lateral equations of motion will be set to zero. These are the v, p, ¢ and r. With equations
11.34 one can determine A;, which is needed to determine the thrust coefficients with equations 11.24 and
11.20. Equation 11.34 is actually the same as equating the thrust coefficient calculated with the blade element
theory and the coefficient calculated with the Glauert theory. Equations 11.23, 11.30, 11.31, 11.32 and 11.33
are needed for the calculations. Note that these calculation should be done twice, for each rotor separately. In
these equations, it can be noticed that the thrust is dependent on u, w, 0 I and q. The drags are determined
with table 11.2 and the drag of the rotor was determined with the method described in chapter 7. The drags
are dependent on u, w and 6. It should noted that the lift coefficient of the stabilizer is a function of the pitch
angle. Figure 11.6 will make this process more clear.

w

V=vVue+uw? (11.30) ac=0;- arctan(;) (11.31)
-V cos(a;) (11.32) A= v sin(a;) (11.33)

H=WR ¢ ’ ‘" wR ¢ '

2

o
Cr — 11.34
Lay OR ( )

In order to determine the derivatives, the algorithm to determine the forces and moments is used in a loop. If
one for example wants to determine the derivative X,,, the effect of the perturbation of the state variable u on
the force X will be determined. This means that during the first loop, the control and state variables will be
kept at trim conditions. During the second loop the state variable u will be increased with a very small value
(order: 107%), while the other state and control variables are kept at trim conditions. With this approach, the
difference in the force X can be determined which is only caused by a difference in state variable u. This results
in the state space system shown in equation 11.35. This system is determined during a flight speed of 39 m/s.
At different speeds, the trim condition is different, as well as the derivatives. A plot has been made for the
coefficients along different flight speeds. This is shown in figure 11.10.

=21 L ( — )2+ L i ( — )+/1
= i OR coslac.—ay smia; — a; i

2 3
500(1+§,u2—(/10+/1i))

Au —0.02844 -0.0161 -9.816 2.223 ] Au [ —2.396 ]
Aw [ [ -0.02676 —1.021 0.05745 38.96 ) Aw +AD - —73.18
A6 | 0 0 0 1 Wy ol 0
Ag 0.005289 0.01415 0 -0.4379 | Ag | | 2.721
(11.35)
5.26 [ —2.383 ] [ 5.233
19.89 —73.18 19.89
+AByRo - 0 +AB¢p1 - 0 + ABO¢po - 0
~5.974 | 1.244 | | —2.731 |
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Table 11.5: Eigenvalues, period and half/double amplitude time at cruise speed.

Short period
Eigenvalues (1) | Period (P) [s] | Half amplitude time (T% ) [s]
-1.5396 0 0.45
-0.2959 0 2.34

Phugoid

Eigenvalues Period [s] Double amplitude time (7>) [s]
0.1740 + 0.2792i | 22.5 3.98
0.1740 - 0.2792i | 22.5 3.98

The eigenvalues can be calculated using equation 11.35. With this eigenvalue, some characteristics of the

eigenmotions can be determined. The eigenmotions of the symmetric flight are the short period and the

phugoid. The eigenvalues are shown in table 11.5. In this table, the period and the half/double amplitude
time are also shown, which are calculated with equations 11.36 and 11.37.

27 In(2)

= Tm) (11.36) T, = T% = Re)

The conclusion can be made that the H2Copter is stable and non-oscillatory for the short period, because

this eigenmotion only contains negative real values. The phugoid unstable and oscillatory. This means that a

controller needs to be implemented in the design as will be discussed in section 11.8.

(11.37)

11.7. LATERAL STABILITY ANALYSIS

The non-linear equations of motion for the asymmetric flight are shown in equations 11.38-11.40. The decision
has been made to analyze a decoupled system as has been explained before, which means that the symmetric
and asymmetric stability will be analyzed separately. A decoupled system means in this case that the state
variables u, w, q and the pitch angle are zero. However, after some trial and error it was concluded that this did
not work. First of all, setting the velocies u and w to zero means that the flight speed is equal to the side velocity
(v), which means that the helicopter is flying along the y-axis. Furthermore, the sideslip angle would be zero
for the entire flight for the same reason. Therefore, the decision has been made to partly couple the system by
using the u, w, q and the pitch angles as the values resulted from the trim conditions. Therefore, these state
variables are not neglected in equation 11.38. However, an input will not be given to those variables. It will
only be given to the control variables 8y and 6, and the state variables v, p, ¢ and r.

Y +mgcos(@p)sin(@) = m(v+ru—pw)  (11.38) L=Ip (11.39)

N = L7 (11.40)

Y, L and N are explained in equations 11.5-11.7 with the difference that the weight terms are excluded. The
starting point of linearization is a stationary equilibrium situation for which the following applies:

o u=up * Oore =0Oor2,

° wW=wy ° QcRZ = HCRZO

. Bfozefo * Y=Yp=m g cos(f,) sin(¢ho)
L q: o L:L():0

* bor =001, * N=Np=0

* Ocr1 =0cr1, * p=0

This leads to the linearized equations of motion shown in equation 11.41.
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Figure 11.10: Derivatives for several flight speeds normalized by mass or moments of inertia.
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With equations 11.42 one can determine A;, which is needed to determine the thrust coefficients with equa-
tions 11.24 and 11.20. Equation 11.42 is actually the same as equating the thrust coefficient calculated with the
blade element theory and the coefficient calculated with the Glauert theory. Equations 11.45 [78], 11.46 [78],
11.43,11.44,11.32 and 11.33 are needed for the calculations. Note that these calculation should be done twice,
for each rotor separately. In these equations, it can be noticed that the thrust is dependent on v, p, ¢ and q. It
should be noted that the lift coefficient of the stabilizer is a function of the side slip angle, which is determined
with equation 11.47

o2 3 14 v, 2
CL"‘Z [560 (1+5,u2—(ﬂtc+/1i))] =2Ai\/(ﬁcos(ac+b1)) +(ﬁsm(ac+b1)+/1,~) (11.42)
V=1 u}+wi+v? (11.43) ac=0.—¢ (11.44)
Y (1t Acthi pp PR (4#“0 16!’) 11.4
== — =— |- 46
a0 2( 2 0t T ey (11.45) T Tros2l 3 Yo (11.46)
v
B =arctan — (11.47)
Uo

With these equations, the derivatives can be calculated with the same method discussed before. This results
in the state space system shown in equation 11.48. This system is determined during a flight speed of 39 m/s.
At different speeds, the trim condition is different, as well as the derivatives. A plot has been made for the
coefficients along different flight speeds. This is shown in figure 11.11. In some of the graphs in this figure, one
can notice a clear change in slope at 20 m/s. This is probably due to the fact that there is a clear change in the
thrust distribution between the rotors at that point.

AvD 6.262e—10 -2.119 12.06 -38.96 Av 4.322
Ap | _ 0.1842 —0.001127 0.005966 0 ) Ap + AGr - 5.301
Aq) - 0 1 0 0 AD oR1 0
AT 0.07796 0 0 0 Ar 0
(11.48)
4.647 4.303 4.628
. =5.277 -5.676
+AOor2+ | +A0cp1 - 0 +A0cr2 - 0
0 0 0

The eigenvalues can be calculated using equation 11.48. The eigenmotion of the asymmetric flight are the roll
subsidence, spiral mode and dutch roll. This is shown in table 11.6. In this table, the period and the half/double
amplitude time are also shown, which are calculated with equations 11.36 and 11.37.

The conclusion can be made that all three eigenmotion are stable. They all contain a negative real part. Fur-
thermore, the dutch roll is the only oscillatory eigenmotion, because of the imaginary part in the eigenvalues.
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Figure 11.11: Derivatives for several flight speeds normalized by mass or moments of inertia.
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Table 11.6: Eigenvalues, period and half/double amplitude time at cruise speed.

Subsidence roll
Eigenvalues (1) Period (P) [s] | Half amplitude time (T% ) [s]
-0.2664 0 2.60

Spiral mode
Eigenvalues (1) Period (P) [s] | Half amplitude time (T% ) [s]
-0.0081 0 85.57
Dutch roll

Eigenvalues Period [s] half amplitude time (T%) [s]
-0.1297 + 0.2996i | 20.97 5.34
-0.1297 - 0.2996i | 20.97 5.34

disturbances  sensor inputs disturbances

task J' J' J' response
. control
———> lot 2 —» H2Copter
demand P system
Iy T
actual task
performance feedback
transfer
system
feedback
transfer <
system

Figure 11.12: Pilot and control system vehicle interference representation [79]

11.8. EIGENMOTIONS AND CONTROLLER GAINS

In this section, only the longitudinal stability will be discussed. The results of the lateral stability seemed un-
reliable, which is explained in section 11.10. As discussed before, the symmetric eigenvalues of the H2Copter
describe an unstable behaviour, which is common for helicopters. To reduce the workload of the pilot and im-
prove the flying quality, a control system is implemented. This is block 13 in the process shown in figure 11.1.
Several levels of control systems exist, this report only includes a Stability and Control Augmentation System
SCAS. The highest level would be a fully operational autopilot. The flying control tasks and relations between
the pilot, control system and the vehicle are represented by a closed-loop feedback system, figure 11.12. The
pilot works as a key sensor and motivator of the system. Help is provided by the control system getting infor-
mation from several sensors: rate gyroscopes and attitude gyroscopes measuring pitch, roll and yaw rates. The
control system is also placed in a closed-loop.

SCAS is implemented in the flight computer which is linked to the movements of the servo flaps on the rotor,
also shown in figure 11.2 The SCAS is used to damp disturbances caused by for example turbulence. This
assures comfortable flying qualities for the pilot who can now concentrate more on the mission and should
not perform continuous corrections to maintain stable flight.

Figure 11.13 shows the implemented correcting augmentation system using the pitch rate and pitch angel
times a gain in a feedback loop.

disturbances
pilot input Tesponca
H2Copter dynamics
K1 pich rate g pitch angle 0
K2
L

Figure 11.13: Feedback augmenting damping system, PD-controller.
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The SCAS for longitudinal stabiliy in this design will use feedback of 2 different state variables, the pitch an-
gle and pitch rate. This corresponds with a PD-controller (Proportional, Derivative mode). The Proportional
mode (P) will be a reaction to the change of the process variable pitch angle, helping the process to converge
faster to a desired set point (this is the first part of equation 11.49 with gain factor K;). The Derivative mode
(D) is proportional to the rate of change g, transforming spikes in the H2Copters behaviour to a kick with a
moderate decay. This means 2 different gain factors need to be chosen, Kj and K». These can be implemented
analytically in the matrix as done in 11.50 by using equation 11.49. The stability of the H2Copter is evaluated
through investigating the longitudinal eigenmotions phugoid and short period. a small rap up: the equations
of motions were derived, linearised and stability coefficients were found. An evaluation of the eigenvalues
were found using this linearized model. Now one arrives at block 13 were the gains needs to be found in order
to stabilize the H2Copter. For choosing suitable gains, a non-linearised model was used since this approaches
more reality. Choosing gains in a linearised system give poor results and are less applicable to real flight con-
ditions. Gains are tuned so until compliance with EASA CS-27 regulations explained later.

Oc=Ki0p—-0y,.)+Kz(q) (11.49)
Xp
X X f Xq
Loosw L _gcos(Brg) SL—wp
Zy
Z Z 5 . Z
o S h-gsin(0p) Tt uo
=

0 0 0 1

M, My Moy My

T T T T

X K; X, ' K)i', ' Ko X, IiX (11.50)
Xu Xuw Or 120.R1 1X0.p1  Xq 220cR1 2%0cRrp
m o m m —gCOS(Gfo)— m  m mTWoT T T T,
Zy K1 Z K 7 Z, K27, K27,

Zu  Zw U g _ Mg M Ocmo Zq _ReZgep  R2%0.po
m m m —&sin (Qf()) m m m T Uo m m
0 0 0 1
My My Moy _ KiMogy _ KiMogp My KeMooy, KoMy,
I.y IJ’ IJ’ Iy Yy IJ’ Iy Y

PHUGOID

The phugoid motion is obtained after a relatively long pitch input after 3 seconds of stable flight, 1 degree
pitch during 3 seconds in this case. Afterwards, the pilot releases the controls and the aircraft shall go into its
eigenmotion. This is a way to simulate this behaviour, the pitch motion can also be caused by turbulence. The
desired behaviour would be the aircraft returning to it’s original state before the perturbation. One should also
consider how this is done by investigating the oscillations and the time it takes to stabilize again.

The PD-controller is shown in in equation 11.49. Now Kj and K; are varied and the effect on the phugoid
behaviour is studied. Figure 11.14 shows the impact of K, using q as feedback again into the system. The effect
of three different K>’s are plotted: 0.05, 0.15 and 0.25. Increasing gain shows a decrease in oscillations and
amplitude. The gains are raised until compliance with the CS-27 EASA regulations, explained in 11.8, K» = 0.25
is chosen.

Next, the effect of varying Kj is studied and shown for the following values: 0.15, 0.2 and 0.27, figure 11.15.
Similar effects are noticeable by increasing this gain. A gain of K; = 0.27 is found to be sufficient for stability.

The PD-control equation including the chosen gains will look like this, equations 11.51.
0c=0.270f -0y, +0.25(q) (11.51)

SHORT PERIOD

The same procedure was carried out for the short period eigenmotion, 1 degree input during 0.1 seconds. The
gains found out of the phugoid analysis seem to be also valid for the short period stability. This eigenmotion
was already stable before implementing a PD-controller.

91 Delft University of Technology



Horizontal flight speed u Vertical flight speed w

g 50 g 10F T T ]
a0t — 5t 4
= 2 oL i
B 3Uw 5 _/\A/\/WVV\AANW
Re) o 5t 1
D 5 . , . , , D o . , , . \
> 0 10 20 30 40 50 60 > 0 10 20 30 40 50 60
Pitch angle . Pitch rate q
D 0f . . T . . . 0 T : .
S o 1 i
@ o el
o -1of 1 Q.
= -20p L L 1 L L 1 ‘.‘-u'
< 0 10 20 30 40 50 60 o -
Time [s]

& Horizontal flight speed u &
~l 50 T T T =
E E

40+
= =
‘C 30V' k%)
o o ¢
g 200 1b Zb Sb 4‘0 Sb 60 g -100 10 20 Sb 40 50 60

Pitch angle — Pitch rate q

8) 2 T T T T % 20F T T T T
3T, o @ 1o}

_/MW g
[} — 0
©-0r L ot
< 20 L L 1 L ] G L L 1 L
< 0 10 20 40 50 60 o -200 10 20 40 50 60

g
Time [s]

Vertical flight speed w

EJ
Time [s]

Horizontal flight speed u

o
=

~—"

L L L L L
10 20 30 40 50 60

~
5]

Velocity [m/s]
Velocity [m/s]

o

Pitch angle Pitch rate q

S

Angle [deg]
Rate [deg/s]

L L L ] L L L
20 40 50 60 10 20 40 50 60

=)
st

Eq Eq
Time [s] Time [s]

Figure 11.14: Phugoid: 1 deg pitch input during 3 sec,K1=0.27,K>= 0.05 (upper) 0.15 (middle) 0.25 (lower)

Table 11.7: EASA CS-27 helicopter (minimum 2 crew), dynamic stability requirements [67].

EASA CS-27 helicopter (minimum 2 crew), dynamic stability requirements

Oscillation with period less than 5 sec must damp to 1/2 amplitude in less than 2 cycles
Oscillation with period less between 5 sec and 10 sec must be damped

Oscillation with period more than 10 sec may not achieve double amplitude in less than 2 cycles

DISCUSSION OF GAINS

These gains are found to be high compared to other helicopters stated by Padflied in chapter 2 [79]. The result
might be a quick saturating of the augmentation during manoeuvres or moderate turbulence. Also during the
design, one should consider how the augmentation system is interfering with the pilot controls. Two options:
the input of the system can be mixed with the pilot’s input or the pilot will always override the augmentation
system. Because in this case, gains are high, it might be an option to override the systems controls with the
pilot input. Otherwise the gains will only try to fight the intended manoeuvres of the pilot.

Described in the CS-27 EASA helicopter regulations are requirements on the dynamic stability, which are
shown in table 11.7.

This is checked for both longitudinal eigenmotions as described below for an example of the pitch rate during
ashort period, figure 11.16. The period is less than 5 seconds and the amplitude is decreasing with 1.6 degrees
in one cycle. Taking into account a little average shift of 0.2 degrees, decreasing the first peak of -0.5 degrees
with 1.6 degrees is more than a 1/2 amplitude decrease in one cycle.

The following motion is plotted to give an idea about the helicopter’s behaviours during an operation ma-
noeuvre. Here, the helicopter is hovering above the ground, zero airspeed (assumed no wind). The pilot starts
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Figure 11.15: Phugoid:1 deg pitch input during 3 sec, K= 0.15 (upper) 0.2 (middle) 0.27 (lower), K= 0.25.
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Figure 11.16: Pitch behaviour after a short period, 1 degree pitch input during 0.1 sec after 3 seconds of stable flight, K1=0.27 and K2=0.25
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Figure 11.17: Accelerating and climbing till 100m, after 90 sec return to hover situation.

accelerating and climbing till 100m, 20m/s. After 90 seconds, the pilot wants the helicopter to stop and return
to a hover situation at 100m. These plots describe the motion and the pitch angle and pitch rate changes of
the helicopter during this manoeuvre, figure 11.17.

11.9. EMPANNAGE

In this section, the design process of the horizontal and vertical stabilizers will be shown. This is a challenging
phase during the design process. In section 11.9.1 the horizontal tail design process will be discussed and in
section 11.9.2 the vertical tail design process will be shown. Blocks 1, 5, 6 and 7 of figure 11.1 will be described
in these sections.

11.9.1. HORIZONTAL TAIL SIZING

The horizontal tail carries two primary functions, trimming the rotorcraft and providing stability. Sometimes
there might be a third functions, which is to control the rotorcraft. However for the H2Copter, elevators are
not implemented and control functions will be carried out by the rotors. This means that the tail will be fixed.
The tail is primary sized for the trim conditions during cruise. The equations for the trim condition are already
shown in section 11.5. The forces in the x-direction and z-direction are already zero in the determined trim
condition, which is done by changing the collective and cyclic pitch angle. However the pitching moment
equation is not. This equation is shown in 11.52, while still assuming that 0.=a;.

Y My=0=Dygi-Ilgi+Drga-lpa—Lp- 1 (11.52)

To achieve this condition, three main design parameters can be changed, these are the tail arm, the surface
area and the incident angle of the tail. Other design parameters which are considered are the airfoil choice
and the aspect ratio.

HORIZONTAL TAIL CONFIGURATION

Prouty states 3 main types of horizontal stabilizers summarized in table 11.8, [9]. The H2Copter is a heavy
but compact helicopter. The hydrogen propulsion system and tank are the main contributors to total mass,
which led to long rotor blades. The backward mounted tail and the T-tail both need a tail boom long enough
to install the horizontal stabilizer behind the rotor. For the H2Copter design, this would mean a long tail boom
since the helicopter itself is compact but has a large rotor radius. It would not be structurally efficient to make
a tail boom even longer than the rotor radius. Secondly, to avoid a drastic change in pitching moments caused
by the rotor wake impacting on the horizontal tail while accelerating, a forward mounted tail is chosen. One
rather wants a continuous rotor wake impact on the tail slightly reducing the hover capabilities.
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Table 11.8: Horizontal tail configuration trade off [9].

Horizontal Tail configuration
Forwards mounted horizontal tail | Low backwards mounted T-tail configuration
* Different flight speeds,
tail in and out of rotor wake
inducing undesired pitching moments
e Efficiency loss due to separated
flow from fuselage
* Long boom critical for
ground clearance
* Popular design for small/medium
helicopters

* Outside rotor wake

¢ Smaller wing area required
¢ Longer and

stronger boom, heavy

* Always in wake of rotor,

no sudden moments created by
changes in the rotor wake

¢ Small penalty during hover

(7

vl | £

AIRFOIL SELECTION

The slope of the tailplane airfoil lift curve should be as large as possible with a wide range of usable angle of
attacks. It is possible that the center of gravity changes during the flight, which means that the tail should
be able to provide both positive and negative lift. This means that a symmetrical airfoil should be used. A
common airfoil used in the industry is the NACA0012, because of its simplicity. This is also the airfoil used for
the H2Copter tail.

LIFT COEFFICIENT

With equation 11.53 the lift of the horizontal stabilizer can be determined. During trim lift times the tail length
shall provide a bending moment of 338Nm during cruise to counter the pitching moment. This value is divided
by the dynamic pressure, which resulted in the value 0.45 m?, which should be the product of the lift coefficient
times the tail arm times the surface area.

1
Lp= EpVZCZhSh (11.53)

The lift coefficient is found from the ’lifting line theory. One half of the tail will be divided into several seg-
ments. The higher the number of segments, the more accurate the result. Each segment has a unique chord
and may have an unique span. The angles corresponding to each section will be calculated. The angles are
functions of lift distribution along half of the span. The angles are defined as the angle between the horizontal
axis and the intersection between lift distribution curve and the segment line. At first the assumption will be
made that the lift distribution is elliptical, which will be corrected during a later phase. The angle is zero for
the last segment. A visualization of this theory is shown in figures 11.18 and 11.19.

N
wlap—a) = Ay, sin(nf) (1+

n=1

pr ) (11.54)

sin(0)
In this equation, a is the angle of attack of the segment and ay the zero lift angle of attack, which is only the
downwash angle of 1.9 degrees, determined in chapter 7. A,, are the coefficients which are to be determined.

w1 is defined in equation 11.55, where C; is the mean geometric chord of the segment, which is equal for each
segment if the taper ratio is 1 and C;, is the lift slope, which is 6.3 per rad.
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Figure 11.18: Dividing a tail into several sections [30].

Figure 11.19: Angles corresponding to each segment in lifting-line
theory [80].
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Figure 11.20: Lift distribution of the horizontal tail.
Figure 11.21: Selecting optimum tail arm.
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The lift coefficient per segment can be determined with equation 11.56 and the final lift coefficient can be
determined with equation 11.57.

(11.55)

4b .
Cy, = = )" Ausin(nf) (11.56) Cy, =TARA, (11.57)
1

This whole process will be iterative with the next steps, because the surface area and aspect ratio might change.
It was desired that the final span of the horizontal tail will be wider than the fuselage, which is aerodynamically
beneficial. Although this benefit was not accounted for during the calculations. The final lift distribution of
the horizontal tail is shown in figure 11.20. The resulting lift coefficient is 0.309, using an aspect ratio of 4.

This means that the required product of the tail length and the surface area is 1.46 m?>.

OPTIMUM TAIL ARM AND SURFACE AREA

The tail arm is defined as the location of the horizontal tail center of pressure to the H2Copter center of gravity.
To maintain the longitudinal trim, one can for example use a large surface area and a short tail arm, or a small
surface area and a longer tail arm. Both are capable to satisfy the trim requirement. In order to design the
optimum configuration, the drag should be minimized. This can be achieved by minimizing summation of
the wetted area of the tail boom and the tail. The equations to determine the wetted surface area of the tail
boom and horizontal stabilizer are shown in 11.58 and 11.60 respectively with equation 11.59 showing the
required volume. The tail will have a conical shape, which is common in the rotorcraft industry to have better
aerodynamic properties, for example lowering the skin drag.

1
Swetted,, = ET[Dtbmax Iy (11.58) Vieeded = lnSn = 1.46m3 (11.59)
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h

In equation 11.58, one should first define the maximum diameter of the tail boom. This can be determined by
applying the a analysis. This means that the stress along the tail boom is lower than the failure stress of the
material used. The failure stress is determined to be 110 MPa (composite structure). A safety factor of 1.5 will
be used. The stress calculation at the start of the tail boom can be done with equation 11.61. The moment
required by the tail is 338 Nm. From EASA CS-27 regulation, this structure shall able to carry 3.5 times that
load, due to gusts. This means that the tail boom will be designed for a bending moment of 1183 Nm.

o= Myaity ~ MiaitRey — Miain
- - 3 - 2
Itb ﬂthb ”thb

(11.61)

This results in Ryp,,,. being 0.072 m. With equation 11.62 and figure 11.21 one can determine the optimum
tail arm by selecting the minimum total wetted surface area. The optimum tail arm can also be determined by
differentiating equation 11.62, which leads to equation 11.63.

1 V,
Swetted = EnDthmax Iy +2M (11.62)

Iy

4V,
L, =, |2 needed (11.63)
optimum ”Dtbmux

This resulted in a tail length of 3.65 m. This means that the surface area is 0.41 m? with a tail span of 1.28 m and
a constant tail chord of 0.32 m, summarized in table 11.9. Might the surface area or tail arm be unrealistically
large, an incident angle can be used to increase the tail lift coefficient. However this was not necessary.

M, DERIVATIVE

During an unintended increase in speed, the rotor should flap back and produce a nose-up pitching moment.
This stabilizing effect can only be achieved if the M,, derivative is positive. Therefore, a check should be made
whether this derivative is positive during the entire flight envelope. This is indeed the case as can be seen in
figure 11.22.

HORIZONTAL STABILIZER STRUCTURAL DESIGN

Now the dimensions are determined, the structure and material of the horizontal tail should still be defined.
This will be comparable with that of the rotor. The main difference is the airfoil choice and the loads. To
increase the life span, which is one of the project objectives, composite material will be used instead of metal
assuring a longer life time due to better resistance to corrosion. The core material of the tail is Compaxx 700-X
foam and for the skin and webs carbon fibre reinforced plastic. A load of 338 N times a safety factor of 3.5g
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Figure 11.24: 3D representation of the horizontal stabilizer.

caused by the lift of the tail will be accounted for during the design process as well as a safety factor of 2 for the
structure failure. Furthermore, one should also account for the load caused by the weight of the vertical tails
at the tips, which will be explained later. Using Autodesk Inventor, this resulted in a skin thickness of 2mm
and a web thickness of 5.0 mm. The final weight is 4.9kg. The design is shown in figure 11.24. The results are
summarized in table 11.9.

11.9.2. VERTICAL TAIL SIZING

Here the vertical tail is sized for directional stability. The lateral trim conditions are already achieved during
forward flight, since the yawing moment, rolling moment and side forces are zero. However, perturbations
might still occur. This means that the derivative which notes the effect of a perturbation of the sideslip an-
gle on the yawing moment is very important, since this phenomenon should be stable. This means that the
H2Copter should always tend to yaw in the direction of the sideslip angle, recovering from a slipping flight.
During forward flight, the vertical tail should provide zero lift, which means that the incidence angle is zero.
For the same reason, the airfoil should be symmetric. NACA0012 will be used also for the vertical stabilizer.
Furthermore, the location of the vertical stabilizer will be the same if the vertical stabilizer is not too high,
which means that it should not interfere with the rotors.

The stability derivative to be designed for is N,. This derivative should be positive for all flight speeds and
have a minimum value. Many of lateral derivatives found were not valid when compared with references,
however, N, was valid as will be discussed in the next section. The derivative is dependent on the tail lift force
and the tail length. The tail lift force is dependent on the lift coefficient, which is calculated with the lifting line
theory. This theory uses the sideslip angle and therefore the side velocity v as input. From the book 'Helicopter
flight dynamics’ by Gareth D. Padfield [79] it can be noticed that the average derivative for 39m/s should be
0.0732. This can be achieved by changing the aspect ratio and the surface area. This is an iterative process,
which resulted in a surface area of 0.75m? with an aspect ratio of 2. The decision was already made to split
the total vertical tail in two parts, at each tip of the horizontal stabilizer one. The total span is 1.22m, which
means 0.61m per tail. This value is below the height of the bottom rotor. The chord of the vertical stabilizer is
0.61m.The N, graph is shown in figure 11.23

The structure of the vertical tail should still be defined. This is done by using the same structure as the hor-
izontal tail, but with different dimensions. Furthermore, the load is different. A load of 450 N times a safety
factor of 3.5g caused by the lift of the tail will be accounted for during the design process as well as a safety
factor of 2 to prevent structure failure. This includes a sideslip angle of 15 degrees, which it should be designed
for. Using Autodesk Inventor, this resulted in a skin thickness of 2mm and a web thickness of 6.0 mm. The final
weight is 9kg. The results are summarized in table 11.9.

11.10. VERIFICATION AND VALIDATION

The derivatives actually provide the sensitivity of the model. It shows how much the forces and moment are
affected by certain state and control variables. As described in section 11.8, the gains are very sensitive. A small
change in value could have a huge impact on the responses.

The derivatives are important results before performing the stability analysis. Therefore it is necessary to val-
idate these results. This is done by comparing the figure 11.10 with the graphs shown in the book 'Helicopter
flight dynamics’ by Gareth D. Padfield [79]. It can be concluded that many graphs coincide with the graphs
shown considering the increase or decrease along the range of flight speeds and the range of possible values
for the derivatives. The only exception are the derivatives Zy, for both rotor one and rotor 2. For high flight
speeds, the cyclic pitch angles have a larger influence on the Z force than expected. The reason should still be
investigated.
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Table 11.9: Stabilizers parameters.
Table 11.10: Analytical eigenvalues, period and half/double amplitude time for cruise speed.

Horizontal stabilizer
Surface area | 0.41 m? Short period
Tail length 3.65m Eigenvalues (1) | Period (P) [s] | Double / Half amplitude time (T% ) [s]
Aspectratio | 4 -1.8274 0 0.38
Weight 4.9kg 0.0929 0 7.46
Vertical stabilizer Phugoid
surface area | 0.75 m? Eigenvalues Period [s] Double amplitude time (75) [s]
Tail length 3.65m 0.0633 + 0.2890i | 21.74 10.95
Aspectratio | 2 0.0633 - 0.2890i | 21.74 10.95
Weight 9.0 kg

This validation process has also been performed on the derivatives of the asymmetric motion. As can be noted
many of the derivatives of the H2Copter remain almost zero and also do not coincide with the increase or
decrease along the range of flight speeds and the range of possible values for the derivatives of the validation
data. One of the reasons is that there is no tail rotor in the H2Copter, which might have huge influences on the
yaw rate derivatives, as well as the N moment derivatives. However, the other differences remain unexplained,
which means that it can be concluded that the results are too unreliable for a proper further stability analysis.
Many of the calculations can be done by hand to verify. However, calculating the eigenvalues from a 4 by 4
matrix might be difficult. Therefore assumption will be made in order to simplify the model and make an
approximation of the eigenvalues. The eigenvalues of the linearized model shown in table 11.5 will be verified
with an analytical method.

For the phugoid the following assumptions are made that lead to equation 11.64:

* Assume that the contribution of the perturbation of velocity w to this mode is negligible

* Combining u and pitch q equations, neglecting X,

X, Mg\ I
A(A——”)(A——“)—y+g=0 (11.64)
Iy | My

For the short period the assumptions below lead to equation 11.65:

» Assume that the contribution of the perturbation of velocity u to this mode is negligible

* Combining w and q equations, neglecting Z,

A2 = (Zw + Mg) A+ ZyMg— Myuo =0 (11.65)

The same parameters are calculated as in table 11.5 for comparison. This is shown in table 11.10

The largest difference can be noted in one of the poles of the short period. This pole is turned from negative
to positive, noting an unstable motion. Furthermore the half or double amplitude time determined by the
analytical method is not accurate enough. The determined period is accurate anough with just an error of
3.5%. This means that the assumptions about the velocities u and w were not accurate. However, without
these assumtion, hand calculation would become too complicated. It can be verified that the period is correct
and that the short period is non-oscillatory and the phugoid is oscillatory. Furthermore, the real term of the
eigenvalues of the phugoid is lower than those of the short period in absolute values.

For the roll subsidence the assumption is made to only use the contribution of the roll motion, which leads to
equation 11.66:

A=Lp=0 (11.66)

For the spiral mode the assumption is made to only use the contribution of the yaw motion, which leads to
equation 11.67. For the dutch roll the roll motion is neglected, this resulted in equation 11.68.

A-N,=0 (11.67) A% = (Y, + N)A+Y,N, — Nyug =0 (11.68)
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Table 11.11: Analytical eigenvalues, period and half/double amplitude time for cruise speed.

Subsidence roll
Eigenvalues (1) | Period (P) [s] | Half amplitude time (T 1 ) [s]
-0.0011 0 630.134
Spiral mode
Eigenvalues (1) | Period (P) [s] | Half amplitude time (T% ) [s]
0 0 0
Dutch roll

Eigenvalues Period [s] half amplitude time (T%) [s]
0.1961i 32.04 0

-0.1961i 32.04 0

The same parameters are calculated as in table 11.6 for comparison. This is shown in table 11.11

As one may notice, the results of the numerical and analytical are very different. One reason is that the ana-
lytical model is too simplified, which is necessary to do hand calculations. However, the main reason is that
many of the derivatives concerning the N moment and yaw motion are zero. This led to unreliable analytical
solutions. The only conclusions that can be made is that the dutch roll is oscillatory and that the subsidence
roll is probably stable. The gains are also validated with the possible range of gains as discribed in 'Helicopter
flight dynamics’ by Gareth D. Padfield [79], which is also discussed in section 11.8.

Furthermore, the results of the lifting line theory are validated with the method described in Prouty. Here
it uses reference graphs to determine the lift slope. The product of this value and the angle of attack and
downwash angle provides the lift coefficient. For cruise speed the method in Prouty resulted in a lift coefficient
of 0.26, while the lift coefficient calculated is 0.3.

The conclusion can be made that the design is longitudinal stable after the implementation of a controller
gain. More research should be done on the derivatives that did not fully coincide with literature. However, the
values of the derivatives found in literature are for a conventional helicopter. This might lead to the different
values. This might also be the case for the lateral derivatives. Furthermore, the derivatives required for the
tail design did coincide with literature. The resulting dimensions for the stabilizers are in the range of the
dimensions used in the industry. The conclusion can be made that the designed stabilizers are reliable.
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12

FINAL DESIGN

To conclude the design part of this report, the following chapter will provide an overview of the complete
H2Copter. In four sections, the combined subsystems will be presented. First, a three view drawing of the
H2Copter is presented in 12.1. Next, a table of the class II weight estimation budget versus the actual weight
budget will be shown in section 12.2. The third section, 12.3, will provide an electric block diagram of the
electrical subsystems. Finally, a communication and data diagram will show the flow of data between the
subsystems in section 12.4.

12.1. THREE VIEW DRAWING

The schematic front, side and top views of the final design are presented in figures 12.1 - 12.3.

12.2. COMPARISON TO CLASS II WEIGHT ESTIMATION

Table 12.1 shows the estimated weight budget next to the realized weight budget. As can be concluded, the
realized MTOW is on budget. The difference is less than 1%, which indicates that the preliminary design has
been performed correctly. It should be noted that some weight predictions are still rough and may be subject
to alteration, due to changes in material compositionin, e.g. the skin. Furthermore, there is no contingency for
the added weight of fasteners, bolts and other small parts. However, the major components have been sized
accurately, and the changes in MTOW are likely to be limited.

12.3. DC/DC CONVERTERS

The motor and its controller are selected such that they can be connected directly to the controller. The avion-
ics and cooling pumps, however, only work at 24 V. The cooling fans require a 12 V supply. DC/DC converters
are still required to provide the power for those components. Since they do not require a lot of power, the
converters can be light.

There are three types of converters required to supply these powers. The SynQor MCOTS-B-600-31-HT con-
verter [42] brings the fuel cell voltage down to an acceptable level. It simply scales the voltage with a factor of
approximately 0.055, which is defined as low voltage (LV). Next, the SynQor MCOTS-C-28-24-HZ [42] converts
the voltage to 24 V, or the SynQor MCOTS-C-28-12-HZ [42] provides a 12 V supply. No converter was found that
could bring the fuel cell voltage to 12 or 24 V directly, so a two-step approach is required. Table 12.2 provides
some data on the selected converters. It can be seen that they are lightweight components, but they do not
provide enough power for all subsystems. Figure 12.4 shows how the converters have been connected. This
figure only shows the power electronics; the communication and data handling lines are shown in figure 12.5.

Figure 12.1: Schematic side-view Figure 12.2: Schematic front-view
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Figure 12.3: Schematic top-view

Table 12.1: Class II weight estimation budget versus realized weight budget with the computation method used.

Subsystem Class II [kg] | Realized [kg] | Means of computation

Rotor blades 73 56.8 | Autodesk Inventor

Hub and hinge 51 36 | Autodesk Inventor

Stabilizers 8.6 13.9 | Autodesk Inventor

Fuselage 90 128.1 | Autodesk Inventor

Skids 64 36 | Autodesk Inventor

Power plant 228 303 | Statistics [36]

Fuel 16.1 17.4 | Analytically [36]

Electric motors 54 87.7 | Datasheet [29]

Fuel tank 259 164.4 | Analytically [47]

System controls 9.7 0.7 | Datasheet [42]

Avionics, instruments and cockpit control 24.5 17.1 | Datasheet [73, 75-77]

Furnishing and Equipment 8.3 21.02 | Datasheet [71, 72]

Payload 180 183 | Requirements and datasheet [74]
| Maximum take-off weight | 1064 | 1065 | |

12.4. COMMUNICATION AND DATA HANDLING
In this section the communication of the final design is addressed. In figure 12.5 the communication can be
seen in a schematic manner.

In this figure two specific connections can be seen. The filled lines are data and the dashed lines are physical
connections. With respect to the mid-term report the data recorder is added since this is a requirement in the
CS 27 [67].

12.5. PACKAGING AND BODY

This section concentrates on the issue and effect of the packaging, placement of components, and the body,
the cover surrounding most vital components of the helicopter.

12.5.1. COMPONENT PACKAGING

The process of packaging components to form the helicopter affects many fields. To push maneuverability to
a good level a small mass moment of inertia is wanted, meaning to locate components as close to the center of
gravity as possible. Since control forces get induced by the rotors, the center of gravity is preferred to lie close
to the rotor centers. With that in mind the goal becomes to move the components with large inertia and mass
close to the axis of the rotor blades. The pilot, hydrogen tank and the fuel cell position is of great influence
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Table 12.2: Characteristics of the DC/DC converters that are used.

Converter HV/LV Lv/24V Lv/12V
Type MCOTS-B-600-31-HT MCOTS-C-28-24-HZ MCOTS-C-28-12-HZ
Input voltage [V] 440 - 700 16 - 40 16 - 40
Output voltage [V] 24.5 - 40.4 24 12
Maximum output current [V] 32.5 21 42
Maximum power [W] 1000 504 504
Efficiency [%] 94.9 94 94
Weight [kg] 0.137 0.139 0.146
8
62 7
1

Figure 12.6: Schematic side-view, showing the component packaging of the rotorcraft

on the overall position. Given by the requirements the copilot is required to have a sufficient view towards the
ground to perform best possible surveillance. Derived from that a tandem seat position is chosen where the
copilot is seated ahead of the pilot. The hydrogen tank mounted close aft the cockpit area as well as the fuel
cell mounted underneath the pilot position underlines the philosophy to generate a performance orientated
packaging. To keep all components right in place, a structural support in form of a chassis follows.

Another affected field is the aerodynamics. Decreasing the frontal area of the rotorcraft increases its high speed
efficiency due to decreased drag. Ruling is the hydrogen tank and the cooling unit. Whereas the tank purely
consumes space, the cooling unit requires space and functional placing. Since the radiators only work when
airflow is guaranteed, pressure fields around the rotorcraft have to be used to increase its performance. The
main air inlet is thus place right and left aft the cockpit. The outlet on the rear enables a natural flow due to the
pressure gradient from the side towards the lower pressure behind the rotorcraft. Nevertheless, fans mounted
on the radiators guarantee a sufficient amount of airflow even in hovering phase where the pressure gradient
around the body can be assumed to be zero.

12.5.2. BODY

As described in chapter 10, the load carrying structure of the rotorcraft is designed to be a steel frame. Nev-
ertheless components and pilots need to be covered for aerodynamic and protection reasons. The material of
choice is glass fiber reinforced plastic, due to its lower cost and environmental impact in comparison to car-
bon fiber reinforced plastics. Even though the structure is defined as non load carrying, it has to be designed
to withstand the aerodynamic forces during flight. The Plexiglas canopy is up to certification standards and
covers the vision field of the pilots. A combined weight of 70 kg can be achieved.

Nr. | Component Nr. | Component || Nr. | Component
1 | Hydrogen tank 6 | Gearbox 11 | Vertical tail
2 | Fuelcell 7 | Rotorblades || 12 | Horizontal tail
3 | Super charger 8 | Hub 13 | Chassis
4 | Motor controllers 9 | Co-pilot 14 | Body
5 | Motors 10 | Pilot 15 | Radiators

Table 12.3: Component list
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13

FLIGHT LIMITS

In this chapter, some performance characteristics of the H2Copter are shown and discussed. First, dependance
of performance on altitude will be evaluated in section 13.1. A flight envelope will be derived in section 13.2.

13.1. ALTITUDE PERFORMANCE

Reciprocating and turbine engines are known to lose performance with increasing altitudes. For the fuel cell
stack on its own this is not the case, since its working environment is controlled, being at a temperature of
80° C and a pressure of 2 atmosphere. However, to control the pressure a compressor is necessary. When the
altitude increases and the ambient pressure decreases, the compressor will require more power from the fuel
cell stack. This power cannot be used to power the electric engines anymore, thus the maximum available
net power available to power the engines will decrease with increasing altitude. Another limiting factor is the
compressor motor, which has a power of 23.2 kW. Therefore, the required air flow might not be achievable
due to the high pressure difference that has to be overcome, resulting in a lower airflow and a thus a lower
power the fuel cell can deliver. This happens at an altitude of about 2500 m. The performance of the stack with
reference to the altitude is shown in figure 13.1.

In figure 13.1 two different lines are drawn, the power required to hover and to climb at a rate of 900 fpm at
different altitudes. It can be seen that the power to hover remains nearly constant with changing altitude, a
surprising result. The power to hover will always remain beneath the available power, meaning that the power
is not a limiting factor. However, at a altitude higher than 3750 m the collective of the lower rotor will be so high
that the blade will stall at certain elements of the blade, causing a high loss in in lift unable to compensate for
by the other rotor. Another limitation is the maximum altitude at which the helicopter can fly without being
pressurized, but this is not taken into account in this analysis.

Another conclusion that can be drawn is that the powerplant will not be able to deliver the required power to
the rotor to climb at a rate of 900 fpm. At sea level altitude it can provide 144.8 kW, which makes the helicopter
climb at 4.27 m/s, or 840 fpm. At cruise altitude, 140.6 kW is available, which makes the climb rate a bit lower,
4.00 m/s or 787 fpm. Both values are calculated with a forward speed of 24.42 m/s, optimal for climb (as
explained in chapter 7).
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Figure 13.1: The power available and power required at different altitudes.
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Figure 13.2: H-v diagram of the H2Copter

13.2. FLIGHT ENVELOPE

With the rotor computation programs described in chapter 7 the maximum speed is 48.3 m/s at cruise height,
with a power available of 140.6 kW. At sea level it is 43.8 m/s with a power of 144.7 kW. The maximum and
minimum speed at different levels are also calculated, which gives a flight envelope for the helicopter, shown
in figure 13.2. The ceiling is set to 5000 m. Theoretically the H2Copter could go higher, but it also needs to
be certified for these altitudes, which already go way past the requirements. Operational limits can be chosen
from this envelope, which only gives an indication what the helicopter is capable of.

With a hover power of 113.5 kW at sea level, it can be calculated with the programs in chapter 8 that for this
state a hydrogen flow of 2.05 g/s is required. If the pilot wants to hover for one minute, he will pay for that with
either 66 seconds of surveillance time, or a decrease in range of 1.3 km. Especially the first one is a result to
keep in mind, since hovering is not as bad for the performance as it was expected to be.
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14

OPERATIONS AND LOGISTICS

This chapter deals with the systems and the infrastructure necessary to support the helicopter mission which
have not been included in the design thus far. A wide range of topics will be covered in the following sections.
Both on an operational as well as a tactical level, the systems, personnel and organization of helicopter surveil-
lance will be discussed. On an operational level, the direct operating procedures of the H2Copter are analyzed.
On a tactical level the organizational and logistical planning will be examined. Surveillance missions, similar
to those currently flown by civil services such as police and firefighters, will be at the center of the following
discussion. The operations and logistics will be reviewed from their position and compared to current practice.
The Dutch helicopter police force, also known as air support & aviation police, will be taken as a benchmark.
In section 14.1, the operation bases, including take-off and landing are discussed. Maintenance of the heli-
copter will be treated in section 14.2, and pilot training in section 14.3.

14.1. OPERATING BASES

The H2Copter has been designed to be as capable as current helicopters and to land in the tight spots often
required by operations. To prove that the H2Copter has the same flexibility when it comes to choosing take-off
and landing area locations, the usability of the current designated areas needs to be assessed. The dimensions
and weight of the H2Copter need to be compared to the limits imposed on the dimensions and weight of the
currently used helicopters.

The lightest helicopter the air support & aviation police operates, is the Eurocopter EC-135. It has an MTOW of
2910 kg, an empty weight of 1455 kg, and a rotor diameter of 10.20 m [81]. The weight and the dimensions of the
H2Copter fall within these constraints, which means that current take-off and landing locations are suitable
for the new design. A quick check among the Dutch helipads and rooftop landing areas at e.g. hospitals, show
that the H2Copter can even make use of these weight sensitive locations [82]. Thus, on an operational level,
it seems the take-off and landing areas do not need to be altered to comply with the H2Copter. On a tactical
level however, changes will have to be made, as will be discussed in the following paragraphs.

The EC-135 has a maximum range of 550 km, significantly more than the H2Copter, which has a range of
317 km. This might indicate that more bases are required to cover all areas of operation. However, when
taking off from Schiphol airport, one of the main bases of the air support & aviation police, the maximum
radius of the EC-135 far exceeds the borders of the Netherlands, and so does the range of the H2Copter. The
operational radius of the H2Copter however, which has been dictated by the mission profile and has been set
at 100 km, does not cover all of the Netherlands. Here, an important problem comes to light. Currently, there
are no hydrogen refueling stations at airports or helipads in the Netherlands [82]. Every operating base should
therefore be newly equipped with a refueling station that is compatible with the H2Copter. This greatly limits
potential operating areas, as the H2Copter will not be able to refuel at every airfield.

New infrastructure will need to be designed and constructed that reaches from the raw material production
to end use. Multiple supply chain options exist that have specific benefits and drawbacks. When it comes to
supplying hydrogen at operating bases, there are two options. It can either be created on site, or it has to be
transported from centralized production facilities. Hydrogen can be produced from electrolysis or from the re-
forming of hydrocarbon (HC) fuels. The former is the process of using electricity to separate water molecules
into oxygen and hydrogen. The latter can be performed using several procedures. The preferred choice is the
option that yields the lowest cost, assuming that the hydrogen availability of both options is equal. As the
majority of fuel cell powered vehicles are automotive, a comparison with the capital and operational costs of
automotive refueling stations is made. In 2013, the National Renewable Energy Laboratory performed a com-
prehensive study into hydrogen fuel stations in the Los Angeles area [83]. From this study, it can be concluded
that current state reforming stations are significantly more expensive than transportation from a centralized
production facility. At the relatively high demand of 100 kg of hydrogen per day, the capital cost (one time
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investment cost) of installing a reforming station is estimated to be anything between 2.59 million to 3.18 mil-
lion dollars. The delivery of compressed hydrogen to the operating base by truck is a cheaper solution, at
around 2.22 million dollars. The cheapest solution is expected to be a mobile refueling station, costing roughly
1.0 million dollars. In the latter concept, the entire refueling infrastructure is mounted on a mobile platform.
This platform has to refuel its reservoirs at centralized production sites, whenever the on board reserves are
depleted. The total capital cost for a refueling installation with a capacity tailored to the Dutch air support &
aviation police is not known. Due to the low demand from such operations, compared to the larger clientele
of an automotive refueling station, it is difficult to predict what the effect of scale might be on the cost. If a 100
kg/day refueling station would supply fuel to the air support & aviation police only, more than five maximum
range flights should be performed daily in order to use its full potential.

It should be noted that this section does not intend to give a full evaluation of possible hydrogen refueling
options. Its aim is to indicate the financial challenges of establishing enough hydrogen refueling stations to
keep performing standard operations. Operators of the H2Copter should consider sharing facilities with other
hydrogen consumers. These could be automotive hydrogen vehicles, but also other operators such as larger
airfields are of interest. Hydrogen is becoming an increasingly popular fuel for short range utility vehicles like
forklift trucks [84], as well as for auxiliary power units (APU’s) in commercial aircraft [85]. If the popularity of
hydrogen as a replacement for fossil fuels keeps increasing, an early investment in refueling stations might be
a profitable strategic decision, as stipulated in chapter 6.

One of the scenarios that may reduce costs of operating and maintaining refueling stations on several bases, is
to keep a mixed fleet of helicopters. The most active bases would be equipped with the H2Copter, while some
other remote locations would operate conventional helicopters with a longer range than the H2Copter. These
conventional helicopters would then cover the areas that demand less aerial surveillance. This approach is not
limited to application within the Dutch air support & aviation police, but may be used in many other countries
that need a combination of short- and long-range surveillance helicopters.

The refueling process in itself is not very different from tanking current aviation grade fuels. Although, due to
pressurization issues, the refueling time may increase. However, it is shown to be within reasonable bounds.
The department of energy of the United States had set a target for 2006, of a refueling rate of 1 kg/min [86].
Analysis of refueling rates of the same year shows that these refueling rates are in fact achievable.

14.2. MAINTENANCE

The H2Copter introduces some new technologies that change the maintenance procedures currently in place,
while other maintenance routines can conveniently be kept. All systems that the H2Copter has in common
with currently flown helicopters, can easily be maintained by the personnel and the facilities that are located
at several airfields. These systems include the rotors, structure and some internal components like turbop-
umps or cooling systems. The major differences with conventional helicopters are the fuel cell propulsion
system and the electric motors. Maintenance personnel will have to be trained to work with these systems,
and their supporting facilities will have to be adapted. Unlike reciprocating and turbine engines, the fuel cell
stack has no moving parts, which usually indicates less need for servicing and maintenance. It does have lim-
ited lifetime however, after which it will need to be replaced in its entirety. That means that there will have to
be facilities to performs this replacement, which is relatively straightforward. Analysis of previously operated
fuel cells has shown that the majority of maintenance needs to be performed on the supportive systems and
power electronics [87]. As stated before, the knowledge and facilities to maintain the supportive systems e.g.
compressors, valves pumps and radiators, are already available. According to the manufacturer, the electric
motor does not need any maintenance during its service life. Taking everything into account, it can be con-
cluded that maintenance of the H2Copter will not require major alterations to the currently existing facilities
or personnel training.

14.3. PILOT TRAINING

The H2Copter has been designed with the current pilot training courses in mind. The pilot will have the same
controls to his disposal as any other helicopter i.e. a collective and a cyclic. The envisioned customers are all
experienced helicopter operators, with access to pilots and training facilities. Due to the dual control cockpit
configuration, conversion training can be given by experienced H2Copter pilots to new pilots during training
flights. That way, the new pilot can achieve his type rating for the H2Copter, necessary to legally fly this heli-
copter type. Initially, training locations will need to be set up that are operated by the manufacturer. At these
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facilities, first-time users can be taught to handle the H2Copter. When a sufficient amount of instructors have
been trained at these facilities, they can take over the training of new pilots at other locations. This approach
has already been adopted at some helicopter manufacturers.

On an operational level, the pilots will have to work with novel technologies. Most notably, the powerplant
with the servo flaps will have different responses to control inputs than the more conventional turbine or
combustion engines with swashplate controlled rotors. However, there is no indication that servo flap con-
trolled helicopters are inherently more difficult to fly. The response time of fuel cells to changes in required
power might be different from what some pilots are used to. It varies with the fuel composition and internal
environmental conditions of the stack [37].
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15

SUSTAINABLE DEVELOPMENT

In the baseline report [10], six goals of sustainable development were described. These are repeated below.

Reduce the direct emission of polluting gases;
Reduce the direct emission of free particles;
Reduce the use of chemicals;

Reduce the amount of waste material;
Reduce the noise;

2L M

Reduce the environmental load of the supporting systems.

Because the fuel cell only produces water, the first two goals are met directly. This does not mean that there will
be no emission related to the H2Copter: there are still emissions related to production and disposal. Also, the
hydrogen needs to be produced and stored. A life cycle assessment was performed in section 15.1, to quantify
the environmental load of the helicopter. The results of emmissions are stated in section 15.2. The life cycle
assessment takes into account all six goals, except for the noise. This will be treated separately in section 15.3.

15.1. LIFE CYCLE ASSESSMENT METHOD

The approach is based on the approach that Johanning and Scholz have adopted [88]. This approach is used
to perform a life cycle assessment on a conventional airplane. The method is adapted to be suitable for a
hydrogen-powered helicopter. The life cycle assessment treats the design, production, operation and disposal
of the helicopter. It calculates the emission of many substances on a passenger-kilometer basis, sorts them in
different categories, and weights them. In this way, a single score can be obtained for the sustainability of the
concept.

15.1.1. EVALUATION OF THE SCORE

In order to compare different emissions, the ReCiPe method [89] was adopted. This is a very broad method
to evaluate sustainability. It uses a weighted sum of many types of emissions in order to determine a single
score for the sustainability of a product. In this case, fifteen substances are considered. The emission per
passenger-kilometer of substance i is indicated with x;. Twelve midpoint categories are considered, as given
in table 15.2. Midpoint scores in category j are indicated by M P;. The method prescribes the characterization
(weighting) factors CFypj; and units for all substances affecting a category. Units for the categories are also
presented. The midpoint score can be calculated according to equation 15.1. The midpoint score is measured
in equivalent units, that take into account the different effects of substances. As an example, it can be seen
from table 15.2 that 1 g of CF is equivalent to 7390 g of CO, eq. The midpoint categories can be combined
into broader endpoint categories with the characterization factors CFgpy; as given in table 15.1 according to
equation 15.2. The endpoint categories are combined into a single score according to equation 15.3.

MP, =Y 5CFupixi (5.1 . ss= 3 EPeWi
J—; mpjixi (S pp, = Y 2CFgp MP;  (15.2) -~ NF,
- P -

(15.3)

There are three endpoint categories. Endpoint category k is indicated by EP;. Damage to human health is
measured in DALY (disability-adjusted life years), a measure in life year reduction due to disease. Damage to
ecosystem diversity is measured in species lost. Damage to resource availability is measured in dollars. The
midpoint scores have different orders of magnitude and importance. Because of this, the results have to be
normalized by dividing through a normalization factor NF, and weighted with Wj.. Normalization factors
and weights are also given in table 15.1. The endpoint scores can then be combined into a single score SS.
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Table 15.1: Endpoint categories and characterization factors [88]

Endpoint CF | Human health | Ecosystem diversity | Resource availability
Climate change 1.40E-09 7.93E-12
Terrestrial acidification 5.80E-12
Marine eutrophication
Human toxicity 7.00E-10
Photochemical oxidant formation 3.90E-11
Particulate matter formation 2.60E-07
Terrestrial ecotoxicity 1.51E-10
Freshwater ecotoxicity 8.61E-13
Marine ecotoxicity 1.76E-13
Water depletion
Metal depletion 7.15E-05
Fossil depletion 1.65E-04
Normalization factor 1.36E-02 9.17E-04 245
Weight 400 400 200

This is a powerful method, because all the characterization factors have been obtained scientifically [89]. The
single score can be computed separately for different phases of the life cycle of the helicopter. This makes it
possible to compare them objectively.

15.1.2. EVALUATION OF LIFE CYCLE PHASES

From [88], it is found that different components of the life cycle cause different emissions. For all activities,
one value is found indicating the extend to which the activity takes place. This is for example the energy in
kWh that is required for engineering. This is converted to emissions by means of emission factors, given in
table 15.3. Some activities have multiple values. Also, some emission factors can be used for multiple phases.
An explanation of all the activities and their indicators is provided below.

ENGINEERING

The design of the helicopter requires computers, which may use significant power. Johanning [88] states that
an average office computer uses E; = 0.31 kWh per day. With n,; the total number of engineering days, the
energy required for the design of the aircraft follows from E = E;n,. ng was estimated by dividing the total
development cost by a cost of 240 USD per engineer per day, assuming 75% of the cost is spent on engineering.
This is measured in kWh. The emission factors were obtained by looking at the current electricity mix on the
power net.

WIND TUNNEL TESTS

When developing an aircraft, about 1000 wind tunnel testing days are required nowadays [88]. Using informa-
tion on NASA test facilities, an average wind tunnel produces 18600 metric tons of CO; per year, equivalent to
50958 kg per day. The tunnel testing is measured by the amount of test days.

TEST FLIGHTS

For the certification of the helicopter, test flights are required. Johanning stated that 3100 hours of flight are re-
quired on average to test and certify an aircraft [88]. Furthermore, five test aircraft are required just for testing.
The emission of flight testing is caused by the emission of flying for 3100 h, and the emission to produce and
dispose five test aircraft. Test flights are not indicated in the table. Instead, the emission is obtained by scaling
the lifetime emission of the useful fleet to 3100 flight hours and the production and disposal of five aircraft.
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Table 15.2: Evaluated categories and substances [38].

Midpoint CF Unit Crude oil | CO» NO, SO, | PMyg Hg CF4 | NoO CcO HC Pb | O HyO | Fe Al
Climate change g CO2 1 7390 | 298

Terrestrial acidification gS02 0.56 1

Marine eutrophication gN 0.039

Human toxicity g1,4-DB 518184 0.115 15779

Photochemical oxidant formation | g NMVOC 1 | 0.081 0.046 0.476

Particulate matter formation gPMjo 0.22 0.2 1

Terrestrial ecotoxicity g 1,4-DB 102 0.000039 0.07

Freshwater ecotoxicity g1,4-DB 3.29 0.000034 | 0.0048

Marine ecotoxicity g1,4-DB 593 0.00077 1.55

Water depletion m3 0.001

Metal depletion gFe 1.8 1101
Fossil depletion goil 1

Table 15.3: Emission factors used in the life cycle assessment [88]. Output is in kg emission.

Emission factors Unit Crude oil CO2 | NOy SOy PMjo Hg CF4 | N2O | CO | HC Pb | Oy H»>0 Fe Al
Electric energy kg/kWh 0.72 0.56 3.30E-03 | 1.42E-04
Aluminium production | kg/t 7089 2539 8.7 1.62 0.019 1100
E Composite production | kg/t 98500 83200 450 19
=+ Steel production kg/t 275 1454 2.6 1.18 | 8.20E-05 0.08 1.90E-03 1100
= Production facilities kg/seat 2640 | 1.97 23540
s Fuel cell production kg/kW 43 0.25
cg, Hydrogen burning kg/kg 9
< Hydrogen production kg/MJ 0.00685 0.00002 | 0.000015
S Hydrogen compression | kg/M]J 0.01514701
2! Hydrogen distribution | kg/MJ 0.00313
;3- Airport emission kg/emp pkm 22100 | 14.7 122 49
%
g




MATERIAL PRODUCTION (ALUMINIUM, COMPOSITES AND STEEL)

The production and processing of materials requires not only the materials itself, but also a lot of energy to
process the raw materials into parts. Average values for the production and processing of aluminium, com-
posites and steel were found [38]. The characterization factors for the material use are from [90]. These are
based on the mass of the material that is actually extracted from the environment: this is equal to the total mass
of the material in the aircraft, minus the mass that can be obtained by reusing the material when the aircraft’s
life has ended. Emissions were only found for aluminium, steel and carbon fiber reinforced plastics (CFRP).
The production of CFRP causes the largest emission by far, while the production of steel is the least harmful
for the environment. For simplicity, all composite materials and plastics are considered CFRP in this analysis.
Similarly, all metals (except for steel) are considered aluminium. Unknown materials are also included in the
aluminum category. The material production can be measured in tons of material.

USE OF PRODUCTION FACILITIES

The facilities that are not directly related to material production also use power. Johanning [88] provides the
emission of the production facilities per seat of the aircraft produced. The emissions of the production facilities
are thus quantified by the number of seats of the aircraft. Although these emissions are based on much larger
aircraft, they are used as a first approximation for the emissions of the H2Copter.

FUEL CELL PRODUCTION

It is important to consider the production of a fuel cell separately, since the fuel cell is specific to the concept.
The adopted approach is similar to the approach for the material production. Pehnt [91] has found values
for the emission caused by producing a fuel cell. These values are given per kW of fuel cell produced. They
include the reuse of the platinum catalyst. This means that the disposal of the fuel cell is included, and cannot
be considered separately.

HYDROGEN BURNING

During the flight, hydrogen is burned. The only emission in this process is pure water in its liquid phase.
Since this water is lost, it is accounted for in the lifecycle analysis. Hydrogen burning is very easily quantified
by means of the mass of hydrogen that is burned, given in kg. The ReCiPe method does not have separate
emission factors for water vapor. In accordance with [88], it is assumed that the average mission that will be
flown consists of 80% of the maximum capability. This means that the average mission consists of 160 km of
cruise flight and 24 minutes of surveillance.

HYDROGEN PRODUCTION

Hydrogen is currently mostly produced as a side product in oil refineries. These refineries have very large
emissions. Another method of producing hydrogen is by electrolysis. Since the power net is currently powered
by fossil fuels, this would not be better for the environment than a conventional helicopter. Granovskii [92]
has investigated the best method to produce hydrogen. It turns out that it is currently possible to produce 1
MJ of hydrogen with an equivalent emission of 6.85 g CO, by means of electrolysis with wind energy. The 1
MJ of hydrogen can be converted to a regular mass via the lower heating value of 119.96 MJ/kg. Koroneos [93]
has found values for other equivalent emissions of hydrogen production. His analysis is less detailed, but in
compliance with Granovskii’s results. All these emissions are already given in equivalent units. The amount of
hydrogen is measured in MJ, in compliance with the literature.

HYDROGEN COMPRESSION

The compression of hydrogen to 350 bar requires significant energy. Granovskii [92] has evaluated the energy
required to compress 1 mol of hydrogen isothermally by means of equation 15.4.

RTy In Pmax

AE = (15.4)

Ntotal  Pmin

The emission of compressing hydrogen to 200 atm is provided as well [92]. Using equation 15.4, the assump-
tion was made that this emission can be scaled with the natural logarithm of the pressure to be applicable to
other pressures. The amount of hydrogen was again given in MJ.
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Table 15.4: Disposal methods for different materials.

Material Aluminium Composites Steel
Reuse [%] 2 5 56
Landfill [%] 24 48 21

HYDROGEN DISTRIBUTION

With the assumption that the hydrogen has to be transported over 300 km by a truck, Granovskii [92] found
that 3.13 g of CO, is required for the transport of 1 MJ of hydrogen. The amount of hydrogen to be transported
is again given in MJ.

AIRPORT OPERATION

Johanning [88] has made an estimation for the emission of the airport. His estimation includes passenger and
luggage handling, as well as aircraft maintenance. This estimation is again based on airplanes; it is used as an
approximation for helicopters. The data is based on the emission of Hamburg airport, and is scaled to obtain
values per passenger-kilometer according to equation 15.5.

EFin.mp

Xpkm,i = PprAX,AP (15.5)

Npax,apdy

nemp = 1619 indicates the amount of employees of Hamburg airport; npax,ap = 13,000,000 is the yearly
amount of passengers of the airport. dy is the distance per flight, and ppax,ap = 0.95 is the percentage of
passenger mass compared to the total payload.

MATERIAL DISPOSAL (ALUMINIUM, COMPOSITES AND STEEL

In compliance with [88], it is decided that reusing the material can be implemented by reducing the amount of
material required. This is included in the production calculations. Recycling and incineration are considered
neutral, so these processes do not affect the sustainability score. Dumping the material on a landfill is consid-
ered as a direct emission into the environment; this emission is considered equal to the emission required to
produce the material. Again, the values are given in tons of material used. Table 15.4 indicated values for the
reuse and landfill percentages of the three materials aluminium, composites and steel.

15.1.3. SCALING TO PASSENGER-KILOMETER VALUES

For different means of transport, the best way to compare the emissions is by looking at the values per passenger-
kilometer (pkm). This also makes it possible to look at the production and operational emission on the same
scale. The conversion can be performed by dividing the obtained emissions by the correct pkm value [38].
With R the maximum range, p, the fraction of the range that is actually flown, nf , the number of flights per
year, ng,, the lifetime of the helicopter in years and n,, ., the number of aircraft built, equations 15.6 to 15.9
provide the distances and pkm values.

dede pkmfznpAde (15.6)
d, = nfa df =npaxdq (15.7)
d;=ngedg pkmys = npaxd; (15.8)
dib = Najc,bdl pkmyp=npaxd,p (15.9)

Equations 15.6 to 15.9 indicate the total passenger-kilometer values per flight, year, operational life and for the
whole fleet, respectively. Division by pkm is performed for the emissions of hydrogen burning, production,
compression, and distribution. The material production, production facilities, fuel cell production and ma-
terial disposal emissions are divided by pkm;. The emissions due to engineering, wind tunnel tests and test
flights are distributed over the entire fleet by dividing through pkm; ;. The airport operation was considered
in a different way; it is already given per passenger-kilometer.

115 Delft University of Technology



Table 15.5: Results of the life cycle assessment.

Value | Unit (per pkm)
Midpoint category
Climate change 1.38E+02 | g CO,
Terrestrial acidification 1.84E-01 | gSO;
Marine eutrophication 5.46E-05 | gN
Human toxicity 1.95E-03 | g1,4-DB
Photochemical oxidant formation | 1.62E-02 | g NMVOC
Particulate matter formation 1.04E-01 | gPMjp
Terrestrial ecotoxicity 2.28E-07 | g1,4-DB
Freshwater ecotoxicity 7.49E-09 | g1,4-DB
Marine ecotoxicity 1.38E-06 | g1,4-DB
Water depletion 3.38E-01 | m®
Metal depletion 4.54E-02 | gFe
Fossil depletion 1.36E+01 | goil
Endpoint category
Human health 2.21E-07 | DALY
Ecosystem diversity 1.10E-09 | species
Resource availability 2.25E-03 | $
Single score 8.79E-03 | points

15.2. DAMAGE TO ENVIRONMENT

The midpoint, endpoint and final scores are given in table 15.5. The single score is equal to 0.00879 points/pkm.
In order to determine the improvement over a conventional helicopter, a conventional helicopter (non-coaxial
and powered by kerosene) was sized specifically for this mission, following the approach used in the mid-term
report [8]. It was determined that this helicopter would have an operational empty weight of 326 kg, a fuel
weight of 33.2 kg (excluding reserve fuel) and a gross weight of 551 kg. Assuming the components would be
made of the same materials as in the H2Copter, the ReCiPe method was followed again. This resulted in a
single score of 0.0252 points/pkm. It is concluded that the use of hydrogen as a fuel source outweighs the re-
duction in mass. Over its entire life cycle, the H2Copter is found to have 65% lower emission than a comparable
conventional helicopter.

Johanning [88] followed a similar process for the Airbus A320-200, and arrived at a single score of 0.0101
points/pkm. Thus, the H2Copter is found to be about 13% more sustainable than a conventional airplane.
Considering that aircraft are known to be more efficient than helicopters, this result indicates that the design
is relatively sustainable. Moreover, the A320 is designed for 60000 flight cycles and a range of 2797 km [88]. For
such high values, the influence of production and disposal decreases.

Figures 15.1 to 15.3 provide additional insight in the contributors to the single score. From figure 15.1, it can
be seen that damage to human health is the biggest contributor. Resource availability is also affected con-
siderably, while ecosystem diversity is not affected much. Figure 15.2 shows that most midpoint categories
have negligible effect. The majority of the single score is caused by climate change and fossil depletion. Par-
ticulate matter formation also has significant impact. The midpoint categories can be linked to the goals of
sustainability. Climate change is linked to the exhaust of gases, while particulate matter formation is due to
the emission of solid particles. The use of chemicals is reflected in the ecotoxicity categories: the effect of this
is negligible (within the scope of the current analysis).

Figure 15.3 shows the contributions to the single score of all activities in the life cycle. The largest contrib-
utor is the compression of hydrogen. While high pressures are inevitable, it might be better to use a slightly
lower pressure in order to increase sustainability, at the expense of a larger and heavier helicopter. Hydrogen
production is a significant contributor. The use of composite materials also seems to have a very large contri-
bution. This is due to the large carbon dioxide emission during production, and their limited recyclability. It
is recommended to limit the use of composites, since aluminium and especially steel cause much lower emis-
sion. The fuel cell only has a small contribution. Due to the relatively small product series, the tunnel testing
has a notable impact.
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Figure 15.3: Contributions to the single score of the life cyle activities

15.3. NOISE

The life cycle assessment did not treat the fifth goal of sustainability: the reduction of the acoustic emission.
This is because the noise is not accommodated in the ReCiPe method. This section will treat the noise of the

H2copter separately.
In the mid-term report [8], a noise estimation for conventional helicopters was established based on statistics.
The method is altered to be applicable to coaxial helicopters. Several noise sources are distinguished in order

to make an estimation:

* Main rotor

— Periodic

o Loading noise
& Thickness noise
< Blade-vortex interaction (BVI)

— Broadband

o Self-noise
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« Blade-wake interaction (BWI)

¢ Tail noise

* Engine noise

Loading noise is due to the creation of lift of the rotor. Azimuthally dependent loading causes aero-elastic
vibrations in the rotor, which is the source of a periodic type of noise. The thickness noise is caused by an
airfoil moving the air around it. As the name suggest, a larger thickness increases this type of noise. Thickness
noise is highly directional: it is focused in the rotor plane. The measurement points for certification [94] are
not in this plane, so thickness noise will be neglected.

The blade-vortex interaction is the most difficult type of noise to predict. When the tip vortices of a blade
is crossed by the next blade, and impulsive load is exerted on this blade. This causes a periodic and very
directional type of noise. The noise is generally directed downwards in two distinct beams, with one beam
directed to the front and one beam directed to the rear side of the helicopter. BVI noise is generally considered
the most annoying type of noise, because of its frequency.

The broadband noise is not focused at one particular frequency with harmonics. They are caused by turbu-
lence, which leads to a more even spectrum. Especially the higher frequencies are dominated by broadband
noise. The self-noise is due to the interaction of the blade with the boundary layer turbulence [95]. Blade-wake
interaction noise is caused by turbulence in the wake. The wake may interact with the rotor itself. This type of
noise is easier to predict than BVI, because the overall shape of the wake is predictable.

The noise from the tail essentially has the same sources as the noise from the main rotor, but its constituents
have different magnitudes. For the tail rotor, the greatest amount of noise is caused by the interaction of the
tail rotor with the turbulent wake. Further away from the main rotor, the wake becomes more turbulent. The
interaction between the tail rotor and this turbulent wake is in some cases the largest source of noise. The
coaxial helicopter is not influenced by this type of noise. It is assumed that the interaction between the tail
plane and the wake can be neglected.

The engine of a helicopter can be very noisy, but its effect on the certification noise is small. For turboshafts,
the noise is highly directional, and usually directed to the front and back. This is not picked up by the measure-
ment microphones that are 150 m below the helicopter [94]. In the regression analysis, no statistically relevant
effect of the power installed is found. Even installing more powerful engines on the same type of helicopter is
not statistically linked to a higher noise level. Therefore, it is decided to neglect engine noise for this analysis.

15.3.1. EFFECT OF TAIL ROTOR ON NOISE

In order to quantify the effect of removing the tail rotor, the noise of the tail rotor on a conventional design is
considered. In the mid-term report, noise estimations in the form of equation 15.10 were derived, with N[dB]
the noise level in dB, W the gross weight and D the main rotor diameter. The coefficients a, b and c are derived
by means of regression analysis. No distinction was made between conventional tail rotors and ducted fans,
even though it is known that ducted fans have decreased noise. In order to estimate the noise generated by
the tail, the same analysis is performed separately for conventional tail rotors and ducted fans. The results are
given in table 15.6.

N[dB] = a+ blogW + clogD (15.10)

Table 15.6: Noise estimations coefficients for helicopters with tail rotors and ducted fans.

Tail type Measurement a b c r?
Ch. 8 Overflight 53.79  7.09 9.87 | 0.52
Rotor Ch. 8 Take-off 59.36 233  20.99 | 0.59
Ch. 8 Approach 61.62  8.46 1.49 | 0.61
Ch. 11 Overflight 50.45 -2.40 4099 | 0.51
Ch. 8 Overflight 17.48 3297 -44.85 | 0.50
Ducted fan Ch. 8 Take-off 32.66 31.66 -52.39 | 0.61
Ch. 8 Approach 38.12 22.32 -21.43 | 0.71
Ch. 11 Overflight | -117.71 36.89  71.39 | 0.26
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Figure 15.4: Noise breakdown of a conventional helicopter [95].

Making a distinction between tail rotors and ducted fans increases the quality of the regression. The chapter
11 noise for conventional tail rotors now has an acceptable value of r2, although the negative b coefficient is an
indication that the model is overfitting. Chapter 11 noise for ducted fans can not be estimated with acceptable
accuracy. It is interesting to see that the numerical coefficient b for the effect of D changes sign for different
types of tail rotor. An explanation is that a larger main rotor is statistically linked to a larger tail rotor [96]. This
causes strongly increased noise for the conventional tail rotor, but not for the ducted fan, which apparently
profits from a larger main rotor.

Tail designs with a ducted fan are often optimized to reduce noise. The blades are unevenly spaced to avoid
harmonic loads. Because the duct of the ducted fan shields the radial direction, the noise from a ducted fan is
more directional than the noise of a conventional rotor. The noise is directed outwards, and not picked up by
the microphones below the helicopter. It is therefore acceptable to assume that the contribution of a ducted
fan to the total helicopter noise is negligible with respect to the noise generated by the main rotor. With this
assumption, the estimation method for the ducted fan-equipped helicopter can be used as a baseline for the
coaxial configuration.

15.3.2. CORRECTION FOR COAXIAL CONFIGURATION

The configuration with two rotors has different acoustic characteristics than a conventional helicopter because
of interference between the two rotors. Due to the non-linearity of the prediction equation, modelling the
helicopter as two isolated rotors yields a severe underestimation of the loads.

Brooks [95] has quantified the noise levels of the remaining sources separately as a function of the descent
angle (downwards positive). This result is visible in figure 15.4. It can be seen that during descent, BVI be-
comes the dominant noise source. For steady flight and moderate climb, BWI causes most of the noise, while
self-noise is dominant during steep climbs. These results are in given in dBA, while the chapter 8 noise is mea-
sured in EPNdB. Computing the noise levels in EPNdB requires arrays of noise levels measured from different
position, so a conversion is not possible. It is assumed that the figure is also valid for chapter 8 noise.

The noise measurements for overflight are performed at a constant altitude of 150 m. The approach path is
defined to have a 6° descent angle, and is followed at the forward speed for maximum climb rate [94]. For the
take-off procedure, maximum certified climb rate must be achieved during the noise measurements. These
three measurement sets are characterized by different skew angles. Table 15.7 provides the noise breakdown
during the three flight phases of interest. The noise fractions are used to determine the contributions to the
baseline noise prediction. These contributions are altered separately to include the effect of the coaxial con-
figuration.

Because loading noise is not directly related to the wake, the assumption is made that this type of noise is
unaltered by the coaxial configuration. In this case, the rotor is considered equivalent to a single rotor with
two blades.

Kim [97] has shown that the wake of a coaxial rotor has increased vorticity. His wake geometry is shown in
figure 7.25. Since the size of the vortices increases approximately by a factor 2, it is assumed that BVI noise
increases by a factor 2.

Self-noise is caused by the blade itself, a coaxial rotor with two blades should have the same effect as a single
rotor with four blades. For BW], it is expected that there is a difference. Using equation 7.10, the wake overlap
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Table 15.7: The three flight phases and noise breakdowns for a

ional heli . . T
conventional helicopter Table 15.8: Noise breakdown and noise limits of the H2Copter.

Condition Overflight | Take-off | Approach Condition Overflight Take-off | Approach
Descent angle [deg] 0 -11 6 BVI 2 2 2
Skew angle [deg] 82.0 72.8 68.1 BWI 1.056 1.276 1.326
Overlap area [m2] 7.1 35.2 41.5 Noise

Noise (EPNAB]

f . Loading 51.4 58.0 55.0
ractions [-] BVI 715 72.0 88.0
Loading 0.0048 0.0086 0.0009 Self 66.4 76.0 68.0
BVI 0.2402 0.1081 0.9225 BWI 72.7 75.1 74.2
Self 0.1516 0.5416 0.0184 H2Copter total (limit) | 75.7 (82.3) | 79.5 (84.3) | 88.2 (87.3)
BWI 0.6034 0.3417 0.0582

area is estimated. It is assumed that this area is the only region where the upper rotor causes BWI on the lower
rotor. This area is added to the total area of both rotors to determine a scaling factor for the BWI noise. Because
of the different overlap areas, this factor is different for the three flight phases. With these four corrections, the
final noise prediction is made. The noise breakdown of the H2Copter is shown in table 15.8.

The removal of the tail has made it possible to meet the requirements on overflight and take-off noise with
great confidence. During the BVI-dominated approach phase, the increase in BVI cancels the removal of the
tail. Because of this, the analysis shows that the requirement on approach cannot be met. The limits in table
15.8 include the 3 dB margin on certification requirements that was adopted in the baseline report [10]. Cer-
tification requirements are all met by the H2Copter, so the failure to meet this requirement is not critical. A
possible easy solution to reduce the noise is to reduce the main rotor angular velocity during approach. This
will increase the power required, but the current design has some excess power.
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16

RETURN ON INVESTMENT

The following chapter presents an overview of the expected costs and revenues throughout the development
and manufacturing of the H2Copter. The goal of this chapter is to give an indication of the expected production
volume, selling price and market share, necessary to reach a break even point within the production lifetime.
Using life cycle assessment methods, and cash flow visualizations, an insight will be provided into the viability
of the H2Copter on the helicopter market.

In section 16.1, the method will be explained and in section 16.2, the results will be given.

16.1. METHOD

The first step in the return on investment analysis, is to identify the key elements that drive the costs of the
project. The project encompasses all aspects of the design, testing and production of the H2Copter. Little data
is available on the exact cost of previous helicopter development. However still, some statistical research has
been done into military helicopter projects. Using these findings, an estimate has been made of the total costs
throughout the development and the production of the H2Copter. The costs were split into development and
production costs.

First, the costs of individual parts of the H2Copter have been researched. These include the avionics, frame
materials, and electric motors among others. Then, using [98], the manufacturing costs for the subassemblies
were estimated. Using the combined cost of the parts and manufacturing, the complete unit production cost
was derived. The total development cost has been estimated to be 120 times the unit production cost. This
estimate is taken from [99]. Next, the revenues of selling the H2Copter were estimated. Using the market
analysis performed in [8], an annual production rate was established. Combined with a projected production
lifetime, i.e. years that the H2Copter will be produced, the profitability of the concept was established. In these
calculations the time-value of money was taken into account. That is, the future value of money spent earlier.
Equation (16.1) gives the relation between the future value F in $, the current value (principal amount) P in $,
the interest rate i in %, and n, the number of years that have passed since the principal amount was deposited.

i \"

F:P-(1+—) (16.1)
100

For each year between the start of the project and its termination, the net cash flow was established. For

each year, the future value of that cash flow, negative or positive, was converted to the value at the end of the

production lifetime. The total profit of the project was obtained by a summation of these future values.

16.2. RESULTS

In table 16.1, a cost breakdown is shown for the sub-assemblies of the H2Copter. Labor has already been
included in the calculations. The listed sub-assemblies are different than those listed in the Class II weight
estimation. This is due to the method used in [98]. Here, the parts of the helicopter are grouped together
differently than in [9]. However, both lists consist of the same parts.

The costs of individual parts have been obtained through various methods. Some where estimated from simi-
lar helicopters e.g. the gearbox. Others were directly available of the shelve, with prices given by the supplier,
e.g. the motor controllers.

The results that are presented in the rest of this section are based on the predicted production rates from the
Mid Term Report [8]. It is expected that the demand for the H2Copter will be such that 50 helicopters will
be delivered per year. The time span for production is estimated to be 30 years. Production will start in 2020
and will possibly terminate in 2050. The termination date has been chosen because of the unpredictability of
improved propulsion technologies that might be developed. Until that year, it can be assumed that hydrogen
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Table 16.1: Production costs per component

2,000,000 00

0.00

Cost contributor Cost [$]
. (2,000,000.00)
Airframe 124,246 Z
 (4,000,000.00)
Powerplant 60,641 &
(6,000,000.00)
Rotor 53,666
(8,000,000.00)
Gearbox 10,000
{10,000,000....
AViOniCS 100’718 2015 2020 2025 2030 2035 2040 2045 2050
Total 349,271.00 veartl

Figure 16.1: Overview of cash flows during project lifetime.

Table 16.2: Evolution of selling price

Selling Price (Mid Term Report) [$] 333,118
Selling Price (break even in 2050) [$] | 381,490
Relative difference [%] 14.52

fuel cells will provide the best performance, compared to any other sustainable powerplant available on the
market. However, with increasing interest from various industries, research into improved forms of energy
storage might change the landscape. Therefore, whether the production of the H2Copter should be extended
beyond 2050, depends on the competitiveness of hydrogen fuel cells in the future.

In the following step, a timeline of cash flows is constructed. The predicted development costs have been
spread out over 5 years, prior to the start of production. Furthermore, an interest rate of 1% has been assumed,
already corrected for inflation. This interest rate has been kept constant for all years and it is based on U.S.
government long term bonds [100]. As the production cost of the H2Copter is already higher than the pro-
jected selling price of $333,118 [10], the profit margin must be kept low. If not, a high selling price might scare
off potential customers. Using the cash flow timeline, the minimum profit margin was obtained to break even.
That means that enough revenue is produced to overcome both the production costs as well as the develop-
ment costs. It was found that a minimum profit margin of 8.45% must be incorporated in the selling price. In
that scenario, the project will break even in 2050. All results have been summarized in figure 16.1 and table
16.2. A profit margin higher than 8.45% will result in a net profit at the end of the production period, if enough
H2Copters are sold on an annual basis.

In conclusion, within the expected production period, the H2Copter can turn a profit. Although the selling
price will be higher than anticipated in the MTR, the resulting profit margin is reasonable, and the difference
with the MTR not too large. Of course there are some uncertainties in the predictions shown here. Especially
the production rate may vary significantly. As stated before, the current value is based on the Robinson R22; a
relatively light and simple type of helicopter. On the other hand, with the necessary updates to the H2Copter,
the production might be expanded beyond 2050. In that scenario, the development costs will be spread out
over a greater number of H2Copters, reducing the selling price.
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17

RISK ANALYSIS

The risk of the design will be evaluated using a Failure Mode and Effects Analysis (FMEA). An FMEA is an
analysis performed during the development or manufacturing of a product and will try to find the weaknesses
of the design before it reaches the customer. The FMEA analysis can be divided into two levels: a System FMEA,
which can be found in table 17.2, assessing the risk of the system itself and a Design FMEA, which can be found
in table 17.3, assessing the risk of subsystems and components.

An FMEA is made as follows:

* Find the potential failure modes
* Identify the effects and the severity of failures on the system or end users
* Make a risk ranking
* Propose and perform corrective actions, priority goes to problems with a higher risk ranking
Table 17.1 will provide a risk ranking, critical risk can be distinguished from others. The criticallity of a risk

is determined multiplying the severity (SEV), occurrence (OCC) and the detectability (DET) to come to the
risk priority number (RPN). Peak risks are marked in the tables. Some general risk mitigation techniques are

included.
Table 17.1: Scaling of severity, occurrence and detectability
Category Criteria: Severity of Effect Rank Opportunity for |Likelihood of| o Likelihood Criteria: Rank
(Product) (Effect on Product) Detection Detection of Failure Occurrence of Cause
Failure to Meet [Potential failure mode affects safe operation | o No ""r‘:f::;" U‘::::L“I'; 10 mr&gﬂ;"_ﬂnw design 10
Safetyor  |or regulatory requirements, without warning - : Very High e
= - = Not likely to detect at Faiure nevitable with new
Regulatory [Potential failure mode affects safe operation 9 any stage Very Remote | 9 design, new appication, or 9
Requirements |or regulatory requirements, with warning ) change in operating conditions.
Loss or " - namets B Failure lkely with new design,
Degradation of Loss of primary function 8 Post Design Freeze [ - new appication, or change n 8
Primary and prior to launch o e High ;a::’;:eu?m ::;::m‘% —
Function |Degradation of primary function 7 o - design, new applcaton, or 7
Lossor | 5es of secondary function 6 Moderately | 5 ?r':q“u:n?éti':ﬂss?é‘a'{gﬁm‘
Desgrada:on of with simiar designs or in design | 6
econdary : . Prrier to Design Moderately testing.
Function Degradation of secondary function 5 Freeze High “ Occasional faiures associated
= . t T i i i 5
Item operable, but with annoyance noticed by | High g ||Moderte ::ﬂs;'f'b’ designs or in design
>75% of customers T - Tsolated faiures associated with
Annovance | €M operable, but with annoyance noticed by | 5 Correiatad VeryHigh | 2 simiar design or in design 4
¢ 50% of customers n - Detection NIAL | ot certaln | 1 Be:;n sobted falures assocated
Item operable, but with annoyance noticed by 2 Failure Prevention vith aimost identical design orin| 3
<25% of eustomers Low gleos;:gs?nslteir‘!afahres assodated
No Effect  |No noticeable effect. 1 with almost identical design orin| 2
design testing.
T Faiure s elmnated through 1
o, preventative control.
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Table 17.2: System FMEA table

C t design Control
Item Function Potential failure mode | Potential effect of failure | SEV | Potential cause of failure | OCC urren . esign on. 0S| DET | RPN | Recommended actions
(Prevention; Detection)
. issue not taken tandem
obstructed view . .
8 into account 1 configuration 1 8
of crew . .
form during design large canopy
per :

. power train-, flich L.
surveillance limited unable to do energy storage-, safe design, ight crew training
mission proper 9 2 4 54 to evaluate

performance . control- redundant systems - .
surveillance . these situations
failure
insufficient unexpected Zzzl;fr)cliir(li e:logn
cockpit crew injured 9 P 4 . 8 4 144 | perform tests
. load cases regulation
reinforcement
load cases
guarantee I I
flight safety | unable to uncontrolled flight ;?tlela;rgnpirr(l): ems fail safe and detailed testing
perform crash after 10 failure § 2 redundant 3 60 of control
autorotation engine failure blockey d rotor controls (piezos) systems
detailed
. ili -
becoming z?rll)tlri)? and flight tests,
guarantee unstable 9 3 auementation 4 108 | simulate all
flying during flight helicopter damage, & possible flight
: - system SCAS "
quality ) ¢ ) unexpected flight conditions
limited ;fsilo Coﬁtrod’ i 9 conditions 4 redundant 4 144 check interaction
controllability 1gh workload on pilot controls (piezos) with SCAS
. . isy design, . .
R . impossible to noisy design sustainable design,
minimize violating . polluting .
.. e . certify, 8 3 no gas emissions, 1 24
emissions limitations . development or .
no permit to fly . reduced noise
manufacturing
unable to
perf.orm ur¥ab.le start - 9 2 28
vertical mission
take-off
unable achieve
. unable to sufficient altitude . Performance
flying . 7 propulsion 2 . 2 28

: climb to perform computations
required o system-, : ; test over
flight fil mission eneray svstein and simulations,

ight profile unable to reach 8Y sY:! ) monitoring long life time
or return ro.t or- of systems, of design
limited range - 7 failure 3 h 2 28
form mission maintenance,
H2Copter location
. limited
limited surveillance 7 3 2 14
endurance .
time
. . compliance matrix
comply R . inattention .
. violating no permit - check if
with regulations to fl 9 during 1 requirements are 1 27
EASA CS27 g Y design phase 4

met
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Table 17.3: Design FMEA table

Current design Controls

Item Function Potential failure mode | Potential effect of failure SEV | Potential cause of failure | OCC . . DET | RPN | Recommended actions
(Prevention; Detection)
checking distance increase distance
rotor impact 1 between 2 rotors 2 18 between parts
S loosing lifting potential and between rotor and fuselage if necessary
provide lift o S 9 o . -
capabilities crash situation rotor fatigue 3 6 162 | regular inspections
Rotor jammed or impact, Evaluate entire
. X uncontrollable . - .
provide control malfunction of flicht 9 extreme flight 2 mission and possible 2 36
controls 8 conditions extreme situations
reliable cooling additional
heati i 9 ling fail 2 4 54
overheating motor failure, cooling failure system tests
provide power Operation .
electro motor R controller .
and transfer outside autg rotatlc.)n d 9 failure 2 reliable controller 3 36
to rotor power limits mode require
redundant
reduced endurance fatieue svstems and
fuel leakage because of fuel leaking, 8 gue, 3 reliable systems 3 72 4
system failure regular
power loss . .
inspections
i . safe more redundan
fuel cell convertlng by electricity or .. . u &y
hydrogen into system cut power loss 9 . 2 electricity 2 36 in electricity
compressor failure L
power network circuit
loosing fuel, might
hydrogen carbon tank explode when in . safety factor on . .
fuel tank yarog P AR 8 fatigue of tank 2 b . 4 64 fatigue testing
storage rupture contact with high tank design
temperatures
power cut, overheating is a maybe even more
. cooling of power . motor failure, . critical point of the cooling is needed in
cooling system K gotp overheating R 9 not enough air intake, 4 . p R 3 108 . g
train systems autorotation mode design, huge cooling certain extreme
required systems are installed situations
fail i .
atureor motor damage which error in the system,
malfunctioning can lead to a power 9 ; 1 1 9
bad design
of the system cut,
ides i . . fuel cell . .
motor provides input to operating outside u.ncontrolled . implementing of
conroller motor Lo, fligth 9 delivering too much 2 R . 2 36
power limits protective devices
power
. operating out of motor damage which . .
provide correct ) p 8 gew the input power is to
converters it's power can lead to a power 9 . 2 2 36
power to motors L low or too high
limits cut
rovide a solid .
p overstress of helicopter looses . . strong frame
frame for N 9 impact, fatigue 1 . 1 9
structure structural rigidity with safety factor
components and crew
. decrease of already taken into account
provide crew . X . L
visibilty blocked view surveillance 8 bad design 1 from the beginning of 1 8
capabilities the design
structure careful
. skin or frame . . smart packaging of handling and
component protection damage of components 8 impact or fatigue 1 1 8
damage compontens regular
inspections
. . i t, fatigue, .
provide horizontal tmpact, fatigue . crew training,
empannage and directional damage to tail uncontrollable 8 extreme 2 strong construction 4 64 regular
P 8 o 8 flight, helicopter out of balance turbulence or flight with safety factor . .
stabiltiy inspections

manoeuvres




18

RAMS CHARACTERISTICS

RAMS is an acronym for Reliability, Availability, Maintainability and Safety. The characteristics for the H2Copter
concerning these topics are explained in section 18.1 for the reliability, 18.3 the availability, the maintainability
in section 18.2 and finally the safety in section 18.4.

18.1. RELIABILITY

The reliability of the design should be determined in order to define which subsystems should be designed
with extra safety and which subsystems need extra maintenance. Sometimes, new techniques should be de-
veloped in order to increase the reliability. A study has been performed by NASA [101] to determine the rela-
tive failure rates of several subsystems in helicopter, which are shown in table 18.1. Together with the possible
means of failure it is determined on how these problems are applicable on the H2Copter.

PROPULSION SUBSYSTEM

* Fuel control problem: Contamination from the actuating media or from the fuel itself, wear on moving
elements, fatigue failure and maladjustment;

* Fuel governor problem: Rpm drop, torque and temperature variations;

* Compressor failure: Corrosion/erosion, blade/disk fatigue, diffuser cracking and leakage, compressor
wear and cracking, variable stator and bleed failure;

* Engine and accessory lubrication system failures: Leakage of pumps, coolers and filters

* Fuel pump spline: Wear on fuel pump splines;

* Turbine failure: Nozzle band cracking. nozzle support structure wear/cracking, nozzle erosion/burn-
ing/sulfidation;

At first some failure probabilities can be removed from this list, simply because they are not present in the
helicopter. For the hydrogen propulsion system no fuel govenor, fuel pump or turbine is needed. This gives
a huge advantage compared to conventional helicopters since propulsion is one of the main causes of failure.
With the use of hydrogen propulsion systems the fuel control problem is improved a small amount because of
the absence of any moving parts. The compressor is still being used for compressing air for the fuel cell, which
means no change for this part. The electric motors are highly reliable compared to turbine engines, so this will
not have a big impact on the reliability of the propulsion system.

AIRFRAME SUBSYSTEM

 Airframe skin and structure cracking: High localized vibration and pulsating air loads due to rotor
downwash on top surfaces, load concentrations at door/landing gear/tailboom/engine attachments and

Table 18.1: Relative failure rate of the subsystems [101]

Subsystem Relative failure rate (%)
Propulsion 35.3

Drive 13.9

Rotor 12.2

Airframe 19.9

Landing gear | 9.4

Fuel 5

Hydraulics 4.1
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maintenance originated damage;

* Small hardware (hinges, latches, rivets, screws) loss or failure: Vibration induced failures, mainte-
nance damage, manufacturing tolerance variations that cannot be applied without damage to fasteners;

* Metal skin unbending: Manufacturing/processing methods have been at fault, some hygroscopic bond-
ing materials have been used, attachments are not sealed, mechanical failure;

The airframe as well as the small hardware failure probability does not change for the H2Copter, since it has
a typical steel frame. The failure probability due to vibrations may be a bit lower, since no reciprocating or
turbine engine is present to cause additional vibration. Obviously, the vibrations due to the rotary wing remain.

DRIVE SUBSYSTEM

» Transmission bearing spalling: Unanticipated loads, inclusion of flaws, misalignment in assembly, con-
tamination of the lubricant;

¢ Tail rotor transmission mount cracking: High vibrations;

* Transmission housing: Cracks in the attachment of the transmission;

° Hanger bearing failure: Does not provide enough axial and angular freedom for shaft deflection;
* Gear scuffing and spalling: surface distress phenomena;

 Drive shaft spline: Wear of a spherical spline used in each of-the two flexible couplings of the drive
shafting from the engine to the main transmission;

Because of the concept of both electric motors in the rotor hub, most transmission lines are left out of the
powertrain. A single stage gearbox is placed directly between the rotor and the electric motor. From the above
list of possible failures, this is the only one that remained an issue.

ROTOR SUBSYSTEM
» Blades failure: Cracks and corrosion;

° Hub and swashplate support failure: Cracking, corrosion and bearing in components of the rotor hub
and swashplate;

* Rotor hub bearing failure: pitch-change bearings and teetering-hinge bearings;
* Tail rotor grip bearing failure: Less retention against centrifugal force;
¢ Main rotor mast: Corrosion occurrence;

* Rotor hub seal leaks: Leaking of oscillating seals in the rotor hub causes less leaking of the oil for the
main rotor hinge-bearing lubrication;

Since the H2Copter is a coaxial rotor, the failure probability for the blades is quite high. The lack of a swashplate
rules out another probable cause of failure. Furthermore, the vehicle does not possess a tail rotor, removing
another failure cause.

FUEL SUBSYSTEM
* Fuel pressure switch problems: Susceptibility to fuel contamination, maintenance damage and deteri-
oration from the vibratory environment;

* Fuel pump failure: Malfunction in fuel boost pump (transports fuel from fuel tank to engine) and en-
gine mounted pump (maintains controlled pressure);

 Fuel cell leakage: Mechanical failure, delamination, stress concentration, age- and sunlight sensitive,
cell material stiffening in cold;

The fuel subsystem is probably the most unreliable part of the complete helicopter. The fuel cell is sensitive
for temperature changes, that can cause degradation in performance or even failure. Leakage will at first be
bad for fuel consumption, but if it fills up the fuselage it can be harmful for the other systems.
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CONCLUSION

In general it can be concluded that because of the lack of complex systems, such as hydraulics, swashplates,
mechanical engines and drivetrains, the probability of failure is highly reduced. On the other hand, the imple-
mentation of a innovative power source as a hydrogen fuel cell, complicated problems may occur because it
has never been implemented in a helicopter. However, this improved reliability because of the absent complex
systems is highly in favor compared to the increased failure probability because of the fuel cell.

18.2. MAINTAINABILITY

Since no extraordinary complex systems are added or even removed, as explained in 14.2 it is assumed that
the inspection interval is similar or even less than comparable conventional helicopters. Comparable heli-
copters considered for this purpose are the Robinson R22 [102], which has comparable payload weight, and
the Robinson R44 [103], which has a similar gross weight. For both helicopters inspection is required after 100
flying hours, 42 design missions, or 12 months, whichever comes first. A typical price for a R44 inspection
is $1,440 at a rate of $90/hour [104], which means 16 hours of inspection when tooling and materials are in-
cluded in this price. Compared to the R44 inspection, a couple of differences can be seen: in the H2Copter no
reciprocating engine, drive train, tail rotor, hydraulic control systems or fuel injection system is present. How-
ever, a coaxial helicopter has a double rotor, which means double the inspection time for that part although
for a normal helicopter most of the time is because of the swash plate, which is not used either. When going
through the maintenance manuals [102, 103], it can be seen that a high amount of actions is required on the
absent systems. Therefore it is assumed that the time to inspect can be approximately be done in half of the
time, which is 8 hours. With less specific tooling required, it is estimated that the price will be $720 with a down
time of 8 hours. Normally additional checks and thus costs are required every 300 and 500 hours, but this does
not apply on the H2Copter this applies only to the powerplant and hydraulic systems.

Most probably unscheduled inspection will be required, after e.g. a rough landing. It is assumed that every
8 hours of flying requires 1 hour of unexpected maintenance, which can include repairs or additional inspec-
tions. Single digit times are typical for helicopters, and since less complexity is present a high number within
the single digits is assumed.

After 2200 hours or 12 years the Robinsons need a complete overhaul. For this overhaul it will be completely
disassembled, all parts overhauled or renewed and reassembled again. The total factory costs for this $204,000,
including new parts and 240 hours of labour. Assuming that the same procedure is followed for the H2Copter,
the costs will be significantly lower because of the missing complex systems. At first there will be a savings
of $48,000, for the engine, and when looking at the list of necessary actions, approximately 20% of the time
can be saved. This saves another $4,320 on the price. After 44 hours, the servo flap assembly needs to be
renewed: half of the servo flaps, since the other half is redundant, will be replaced by new ones for a total price
of $19,200. A proton exchange membrane fuel cell in vehicle applications has a typical lifetime of 2000 hours
[105]. Therefore a completely new fuel cell has to be implemented with the overhaul. This will cost about
$33,300. New blades will be used for $15,000 and a new pair of gear boxes will be approximately $10,000. Most
remaining parts that will be renewed are for the hydraulics and other systems which are not present.Selecting
the remaining necessary parts from the R44 overhaul list the price for exchange parts will be about $150,000.
Combining this with the labour price, the total price for an overhaul is $175,000. The time to perform this
overhaul every 2000 hours, the limiting time of a fuel cell, is 192 hours of labour. When working at maximum
productivity five technicians can complete this in one week.

It can be concluded that every 2000 hours of flying, when the helicopter is used frequently, there will be alabour
time of 602 hours. For one cycle of 2000 hours a total of $211,900 is required, which results in a maintenance
rate of $105.95 per hour of flying.

18.3. AVAILABILITY

Generally availability is defined probability will be ready for use when required. Three different classifications
of availability can be distinguished for the H2Copter: Inherent, achieved and operational availability;
Inherent availability is the probability that the helicopter will operate satisfactory when required. This means
that there will be looked at the unscheduled maintenance. As explained in section 18.2 every 8 hours flight
time 1 hour of maintenance is required. This results in an inherent availability of 88.9%;

Achieved availability is the inherent availability, but with scheduled maintenance included. As stated before
every 100 hours regular inspection is needed and every 2000 hours a complete overhaul is required. The in-
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spection takes approximately 8 hours and the overhaul in the worst case, when one person is working, 192
hours. For every 2000 hours of flying, the helicopter will be unavailable for 312 working hours, or 15.6% of the
time. Thus the H2Copter will be available for 84.4% of the time;

Operational availability not only includes the time to solve all the problems, but also the unpredictable delays,
such as logistics and administrative. No good estimation can be made for these delay times since they depend
on the location the helicopter will be used. However, since no special tooling is required for the H2Copter it
can be maintained at any airport that has helicopters;

18.4. SAFETY

During the design phase safety has been taken into account as well. Safety can relate to many different factors:
human beings, the system itself, other systems and the environment.

* Loss of life or injury to human beings:

The chassis is designed to withstand loads higher than those that are probable to ever occur.

The landing gear are designed to cope with loads that can occur during rough emergency landings.
The hydrogen tank is firstly designed with a safety factor of 1.5 and placed all the way to the back
to make sure that the pilots will not be harmed when a tank bursts in flight. Moreover, the type of
fuel tank that is being used is unlikely to rupture because of an impact [106].

— Redundant Piezo servos are placed on the control flaps.

— A back-up battery is present to deliver power for a small amount of time, but enough for the pilot
to bring the rotorcraft into autorotation state.

* Damage to the system being designed or developed.

— Safety factors are used for structural design to protect the systems within the helicopter.

— Active cooling is implemented to protect the relevant systems from overheating.

— Ventilation shafts are used to make leaked hydrogen escape out of the fuselage. This in order to
prevent pressurizing of the hydrogen which can cause fire danger.

* Damage to other systems.

— A navigation system for both pilots is implemented to prevent collisions with other aircraft.

— Lights are mounted on the outside for visibility purposes during night time as discussed in section
10.4.

— As explained in section 11.8, an SCAS is implemented to reduce the pilot’s workload.

* Damage to the environment.

— An electric powertrain is used in combination with hydrogen as fuel. This combination gives no
direct emissions.

— The absence of a tail rotor highly reduces the noise created by the H2Copter compared to conven-
tional helicopters with similar gross weight (section 15.3)
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19

COMPLIANCE MATRIX

Table 19.1 shows the degree of compliance of the H2Copter design with the prescribed requirements listed in
chapter 4.

The following requirements were not met are to be determined (TBD):

* NFR.5: A climb rate of 900 feet per minute is not achievable, instead 840 feet per minute on sea level.
* NFR.10.3:A climb ratio of 1/6 is not always achievable, current ratio is 1/6.1 on sea level.

* NFR.10.9: To be determined in future development.

* NFR.10.13: not applicable.

° MR.11:To be determine in future development, study relations between pilot control and Piezo-actuated
blade control.

° MR.12: The H2Copter is in compliance with the EASA CS-36 regulations but violates the 3 EPNdB margin
set in the baseline report [10].

* COD.1: The H2Copter is slightly more expensive than expected. The prescribed selling price was $333,118,
and is now set at $381,490.

Table 19.1: Compliance matrix

FUNCTIONAL REQUIREMENTS
FR.1 | v | FR2 | v [ FR3 |v [ FR4 |v | FR5 [ v ]
NON-FUNCTIONAL REQUIREMENTS
NFR.1 v | NFR.2 v | NFR.3a v NFR.3b v | NFR4 v NFR5 X | NFR.6 v
NFR.7 v | NFR8 v | NFR.9 TBD | NFR.10.1 | v | NFR10.2 | v [NFR103 | |NFR104 |X
NFR.10.5 | v [ NFR10.6 | v [NFR10.7 |V NFR.10.8 [ v [ NFR.10.9 | TBD | NFR.10.10 [ v/ [ NFR.10.11 [ V
NFR.10.12 | v [ NFR.10.13 | v [ NFR.10.14 | V NFR.10.15 | v | NFR.10.16 | v | NFR.11 v
MISSION REQUIREMENTS AND CONNSTRAINS
MR.1 v | MR.2 v | MR3 v MR.4 v MR.5 v MR.6 | v [ MR7 | v
MR.8 v | MR.9 v | MR.10 v MR.11 TBD | MR.12 X
CONSTRAINS ON DEVELOPMENT
CoD.l  [X [coD2 [/ [COD3 |V |
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CONCLUSION

This report has outlined the detailed design process and results of a sustainable future rotorcraft solution for
short range missions in 2020. The coaxial helicopter configuration powered by hydrogen fuel cell propulsion
technology has been selected as a feasible solution to achieve the goal of developing a environment friendly
future personal air transport vehicle.

Starting from a clear project definition phase including a project need statement, mission analysis, vehicle re-
quirements and market analysis, the suggested design concept was stated. This concept selection has served
as an input to a vehicle subsystem design phase in which the coaxial rotor, propulsion, hub, stabilizers, fuse-
lage and cockpit subsystems have been designed in detail.

From the aerodynamic rotor design point of view, it can be concluded that the fundamental problem in de-
signing a coaxial rotor system is to account for the complex interference of the upper rotor wake on the lower
rotor, assumptions made in this area often serving as an explanation of possible design result inaccuracies.
The main challenge for the propulsion subsystem design is, as for any transportation vehicle, the design ap-
proach towards a lightweight sustainable engine which is hard to realize with current technology. The sizing
of a hydrogen fuel cell propulsion system described in the report is the result of an investigation of all feasible
engine technologies and energy sources prior to the sizing process. The main conclusions to be drawn for this
subsystem are that it turned out to be 15 kg heavier than previously expected, that the challenges involved in
the design of the cooling system with respect to weight were underestimated and that the tank design incor-
porating aerospace design standards with respect to safety factors turned out to be lighter than expected.
From the gearbox-motor combination, it can be concluded that its resulting power to weight ratio seems rea-
sonable and that the total weight setup including the motor, gearbox and motor controller was found to be
heavier than specified in most reference data. This difference is most likely due to the rough weight estimation
methods used in the hub design process for sizing the different parts.

The main aim of the stability and control discipline in the design process was to size the horizontal and vertical
tail of the vehicle to ensure flight stability by predicting dynamic vehicle behaviour. It has been investigated
and concluded that coaxial rotorcraft without horizontal and vertical tailplanes are always unstable. The hor-
izontal tail to provide the trim condition for longitudinal stability was therefore sized, keeping in mind that
maintaining a positive M,, stability derivative is crucial. A controller gain to ensure overall design stability,
chosen based on EASA regulations, was also selected.

The final subsystems from which conclusions are drawn are the fuselage and cockpit. For the sizing of the
skids, calculations were performed using 3-D statics theory from which numerical force distribution values
were obtained. These skid sizing results were then implemented into Inventor, a program which performs
structural load calculations. It can be concluded that the manual results matched accurately with the values
obtained using Inventor, the only differences most likely due to the fact that Inventor also uses gravity forces
of the structural components in the calculations. Based on this procedure, Inventor was validated for practical
usage purposes. The fuselage has been sized using a packaging approach, using the pilot seats and remaining
required components as inputs to design the most weight-efficient fuselage around them. The joysticks and
controls in the digital cockpit were selected off-the-shelf. Lastly, the large amount of glass the fuselage is made
of ensures high pilot visibility.

Regarding the final design, it can be concluded that innovative characteristics have been proposed such as a
novel engine-hub integration in which two engines are used to independently drive the rotors. Furthermore,
no swash plate has been used in the design for controlling the H2Copter. It has been replaced by servo flaps
on the rotor blades, used as a control method. The total cost of the final design is estimated to be 14% higher
than the value obtained in the MTR. From the life cycle assessment of the final design, it can be concluded that
the H2Copter is 65% more sustainable than a conventional helicopter using a fossil fuel based engine sized for
the same mission. Finally, from the requirements compliance matrix it can be concluded that not all initially
set requirements have been met. However, most of them have successfully been achieved in the final design.
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PROJECT DESIGN AND DEVELOPMENT LOGIC

This chapter will describe the steps taken in the design of the H2Copter and the steps that will need to be taken
to further realize the production of the H2Copter. The design phases as described in figure 21.1 are followed.

This project is between the point where the configuration is frozen and authorization to proceed.

21.1. PROJECT PHASES

In this section the project phases are explained. The Market analysis, conceptual design and preliminary de-
sign are further explained respectively.

Market analysis

In the beginning of the project a detailed market analysis was made. This market analysis has given the project
the needed extra requirements to define the project need statement. Although this was at the beginning of the
designing phase, the market analysis must be kept up to date to possibly integrate small changes to be more
fit in the market.

Conceptual design

For the conceptual design, the project need statement was the leading requirement for choosing the concepts
worth to investigate. It resulted in a mission need statement and project statement.

Preliminary design

The preliminary design consist of elaborating in smaller groups on work packages. Each group had a specific
task. It resulted in a preliminary design for the H2Copter.

A flowchart of the several phases is provided in figure 21.2.

21.2. POST-PROJECT PHASES

In this section of the report, the duration of the following tasks are estimated. This is done with references
from within the helicopter business.

In figure 21.3 the highest order of Gantt chart is shown. In the following subsection this Gantt chart is divided
into smaller work packages.

Preliminary design: After reviewing the final report, minor adjustments in the design should be made. This
should not take longer than one week from the point this report is handed in.

Detailed design: (9 months) In the detailed design phase the overall detail of the H2Copter should be in-
creased. The detailed design phase consist of better weight estimation, better sizing, more detailed structural
design, more detailed materials description, aerodynamics, controller electric system, hub design and power-
train design.

Testing: (9 months) After the detailed designs, the physical and computational testing must be done. This
must be done in detail to ensure the safety of the product designed. The possible disadvantage of all deliv-
ered products may be catastrophic for financial and market reasons. This testing is without testing for the
certification because that will be done in the time for certification.

Production preparation: (15 months) Production preparation must be considered as a time consuming part
of the total process of production. The need of suppliers for respectively advanced technological parts may
take more time than original planned.

Certification: (57 months) The certification process of the Robinson R44 which took 53 months.The estimation
has been made that the certification process of the H2Copter will take 3 months longer because of the new
implementations of many new technologies in aviation.

Production: (48 months) The production set up of a H2Copter will take an estimated 2 years for the first pro-
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duction model. After this, the first H2Copter in the production line will follow.
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RECOMMENDATIONS

With a first design iteration performed, a long list of recommendations on improvements and ideas has been
shaped. This chapter highlights the main recommendations for future design iterations on similar or derived
design concepts.

One of the most distinct features of the H2Copter is the hydrogen electric powertrain. After a more detailed re-
search on performance and structure of the fuel cell system many values seem to deviate from resources found.
Based on that the climb rate requirement of the helicopter can not be achieved unmitigated. Using the new
performance data derived will result in a more realistic class 2 weight estimation and thus more sophisticated
iteration.

As the design needs to perform after a successful technical certification and test, an improved infrastructure on
hydrogen supply needs to be realized. Since the use of hydrogen powertrains is limited at the moment, most
hydrogen fuel stations can be found in industrial areas. An increase in use of hydrogen powertrains can lower
the cost of hydrogen supply and production as well as driving developments on local hydrogen generation by
means of electrolyse, driven by solar or wind energy.

A lot of potential can still be gained by a more advanced body-chassis integration. Once all components in
size and weight as well as their position is determined, research can be done on a design which increases
the functionality of the body with regards to aerodynamic and load carrying functions. This also includes a
computational fluid dynamics analysis on the body and external components to get a better estimate on what
has been derived based on statistical data until now.

The servo flap design as described is based on many simplifications and dimensions set to self-defined values
to keep the work load to an acceptable level. Research has to be done on the effect of the servo control on the
blade dynamics. Research performed by Airbus Helicopters shows a decrease in noise and vibration for the
use of servo controls.

For the rotor design the wake in forward flight is assumed to be linear, while for hover it is assumed that the
lower rotor is in the fully developed slipstream of the upper rotor. A better aerodynamic model of the wake can
be implemented that holds for all flight velocities, for a more realistic result. Due to time constraints, only a
few flight phases are evaluated. The aerodynamic model can however be used to calculate more flight phases
with minor adjustments. The structure of the blade can be designed in more detail, with less assumptions
made, for a more realistic result for the final weight and weight per unit span.

The hub design shows a redefinition of the conventional setup. Further improvements can be done on the
overall drag reduction by decreasing the diameter of the shaft between the motors and by improving the shape
from cylindrical to airfoil-like.

Concluding the stated improvements and recommendations, many fields do require more time to be designed
in more detail. During the process new technologies got added and functions of different components got
defined in a new way. We are certain that the recommendations as well as the technique described in this
report form a solid base for following developments and designs on future electric rotorcraft.
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