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Design Tradeoffs for Fiber Composite Fuselages unde
Dynamic Loads using Structural Optimization
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In this paper a fuselage shell, made of fibers compdsi material, of a passenger
aircraft is optimized to get a minimum weight. Two diferent structural configurations of
foam-filled sandwich and stiffened shells are analydeunder the dynamic loads due to
the gust. A knowledge based engineering (KBE) approadk formulized to automate the
multidisciplinary optimization problem in three diff erent layers. The first layer takes
care of the optimization of full fuselage under the conmints of real and negative
eigenvalues to get an asymptotically stable closed-loop ®fst The second layer and
third layers, take care of the optimization of the severasections along the length of the
fuselage and the optimization of a particular panel of a extion, respectively. The
constraints in the second and third layers include theeritical buckling and wrinkling
stresses of the panels and the sections, under bendiagd torsion loads. The design
variables are the stacking sequence of fibers orientatis, sizes and positions of the
stiffeners in a panel, section length along the longitlinal axis of the fuselage, and the
skin thicknesses of the panels. Finally both of the ¢imized designs are compared with
each other in terms of minimum weight, stabilty and moeover in terms of
manufacturing.

I. Introduction

The use of fiber composite material is getting common irattezaft industry. Previously their use is quite
common only in the light weight aircrafts and in the truassemost of the time the home builders or hobbyists
were the forerunners in using these types of matefiils main reason behind this is the ease of manufagturin
and its lower cost. We also see that in that period thrifaeturers of large airplanes are always reluctanséo
the fiber composite material and restricted most ofithe to the parts that were less critical to loads. Gowntr
to that we see a change in late 80s and early 90satvatffthese manufacturers start using the fiber composite
materials in tail-section which was quite encouraging ¢ovtorld of aircraft engineering and especially to the
fiber composite industry. The start of*2dentury gives another break through in the sense that, apartdil
section, two of the major manufacturers come up withr filmenposite fuselages i.e. the fuselages of A380 and
B787. The manufacturers of executive jets have alresdsted producing the complete fiber composites
airframes and we expect that those days are not far atvan the wings of large airplanes will also be made of
fiber composites.

The use of fiber composites has several advantageshmendtals which include the better service life in
terms of fatigue and moreover the recycling if madeaokpecial kind of fiber composites known as
thermoplastics. The knowledge of designing a metal awdrégs almost one hundred years old. This knowledge
is transferred to us from generations to generations whathde the tons of record in the form of experiments
and theories with the cases of successes and faiRresently an aircraft structural designer must be better
equipped to deal with the structural analysis of a metalaaig than to a fiber composite one. One of the
examples is to find the flexural or torsional stiffnefsa fuselage or wing section. The stiffness plays an
important role in achieving the stability of the load beguicomponents of the aircraft, especially when these are
exposed to the external disturbances during the atmosphebidences and takeoff/landing. In the case of
stiffness of a structure made of metal alloys, one didismd the cross-sectional areas and mechanical properties
of the material, which for the Aluminum alloys are wiellown and recorded. In case of fiber composites one
has to analytically find the stiffness for each andggection/panel, which on the other hand changes if one of
the fiber layers is oriented differently to that oé thdjacent section/panel. The lack of vast experience @mon
the aircraft structure design engineers in dealing witheffects of fibers orientations on the stiffness of a
structure can be the one of the several reasons bdigrslioww pace in adapting these materials in the designs of
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commercial aircrafts, which on the other hand makes sehsa ¥he safety of the passengers is the major
criteria in certifying a design.

Here it is not attempted to study the effects of ther§ orientations on the stiffness and the consequent
strength of an aircraft component in particular buororfulate an optimization algorithm that deals with sdvera
design variables to optimize the aft fuselage structutbdarconcept/preliminary design phase. The stiffness of
the vibrating fuselage greatly affects the stabilityhef whole aircraft in the form of tail loads. The ohijezis
to minimize the weight against the constraintsegti®n/panel wise bucking strength and moreover the rell an
negative eigenvalues of a whole fuselage structure, whigkes a stable closed loop system under dynamic
loads.

Here it is appropriate to discuss the past literature ofitibecomposite fuselage design. Wafsdescribes
a program to redesign the forward fuselage structure eBB\Aircraft, made of metals into a comparable fiber
composite structure. In the end the weight reduction of ar@B#tl is achieved. Johnson et atudied the
utilization of composites in fuselage structure on th&Bp@assenger aircraft. Six different concepts of panel
designs are presented, which are made of either honeycombamdis, laminated stiffeners, or the foam-filled
stiffeners with skin, and the hybrid designs of eitheani-filled stiffeners or laminated stiffeners with the
honeycomb panels. In the end the authors concluded thatms & weight the combination of foam-filled
stiffeners and laminated skin is the best but in termsafufacturing the fuselage made of honeycomb-only
panels require minimal tooling and factory hours. Laten Tooref studied the sandwich fuselage design,
which includes the derivations of buckling stress, boundary tondj stress concentrations around the cutouts,
the damage tolerance and lastly an example on the defsagsamdwich fuselage structure of Extra-400 light
aircraft is presented. At the panel's level Cofliderived the stiffness matrices for the laminated stifte
panels. Later on, Tuttle and Zabin3kyesented the methodology of calculating the effective pifieless and
strength of a crown panel by using software called CO3HA

The transformation of fuselage structural designs from Imétafiber composite materials seems to be a
change only in the material selection whiles the topolafgthe cross-section in most of the cases seems to be
remain the same i.e. design revolves around the stiffpaeel$?° The use of sandwich panels in the design of
a fuselage structure, which in the present time,ardy be found in some light aircrafts whereas their use in
slender fuselage of a passenger aircraft is yet todye se

In this paper, a study is carried out for the desigdeoffs of a fuselage structure made of the two different
types of panels i.e. foam-filled stiffened panels withiteted skin and foam-filled sandwich panels, which are
incorporated separately in three different optimizatioesa$he design variables are the stacking sequence of
fibers orientations, the skin thicknesses of the paniekss and positions of stiffeners along the width of a panel,
the sandwich thickness and the position of the frammsgahe length of the fuselage. Section 2 introduces the
formulation of the optimization algorithm, which is segitegainto three layers where each layer holds its
particular objective, and set of constraints and design vesalbhe methodology of structural representations,
and load intensities of the panels and the fuselage stasdied in the subsections A and B, respectively. A brie
discussion about the dynamic loads and the mathematical imquesented in section 3, which is followed by

section 4 where an executive aircraft is

] subjected to dynamic loads due to the gust

[2"’ Whi_le,_ as stated earlie_r, the aft fuselage is
= T o (Jitistor ) qptlmlzed WI'[h. two different concepts qf
Conditions S —— (;;ﬁ:gn) fibers composite. panels. 'Concllusmns with
i future plans are discussed in section 5.

No=1;
while L- sum(Ls(1:Ng)) > =0
L (N,) = fmincon(.....);

,;énel‘ =wisslf.... )j
" * Cy Il.  The Optimization Algorithm

=0 Equvalent. 7y The optimization algorithm, which is to be
Ls{Nyu) =0; — Model P g !
i — discussed in this section, is formulated under
end the domain of the “Analysis Tools” section of
Ly +al, <> the Design and Engineering Engine (DEE),
: which is a knowledge based engineering

(KBE) tool to automate the process of

Cﬁsgor:gsrnrs:ﬁitnaﬂcj multidisciplinary ~ optimization in aircraft

desighi’. The algorithm is specifically

SpeoTdva

—— developed for the structural optimization of a
MQ fuselage structure and as for as other
components like wings and stabilizers are
concerned, a small change in constraint

odel

equations and a few design variables can let a

Fig. 1 The optimization algorithm design engineer to use the same routine.
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The algorithm is segregated into three
L layers, see Fig 1. In which the first or the
upper most layer starts with the inputs for
the initial conditions of the aircraft, which
includes the flight conditions,
aerodynamics, and the structural properties
of the whole aircraft that also includes the
initial structure which is to optimized later
on. The initial conditions in the form of
) structured arrays are then transferred to
Fig. 2 Aft fuselage DARLoads for the dynamic loads analysis.
DARLoads is a software tool for the
dynamic loads analysis for the flexible aircrafts, whicheshg developed by the DAR group of the Faculty of
Aerospace Engineering in Delft UniverSitgee section 3. DARLoads gives the output in the fornmtefrial
structural loads and deflections of all the components of itveali, which include wings, fuselage and
empennage.

DARLoads is being followed by while loop, which optimizes the length of a sectionNs of the aft
fuselage, see Fig. 2, where therepresents the length between the two adjacent fusemmpedr Thewhile
loop begins with a section number and whenever the ldngthcurrent sectioMs is optimized by the use of
downstream layers, thd is incremented to the next section number. It is suppbsedhe total length; of the
aft fuselage is fixed during the preliminary sizingtlog¢ aircraft so the condition to enter in thhile loop is
decided by the sum of all the optimized lengths of the pusvections should not exceed the total length of the
aft fuselage, which can also acts a design spacedaretkt section i.e. the upper bound_gfsee section 4.

Table 1 Optimization variables, constraints and objectie

Local Panel Level Local Section Level Global Structuraldle
min f (X
Objective X ( )
f (X) _ We| ght - totalPZanelsWei ght perels i =total Sections \\ /@i ghtSa:tions
L, 1 L, T L

S

h = panel height
tl— facmg th|ckness

Design n= facing stacking %FW'H
variables seq.
np= stiffener stacking ————-%
seq.
w; = stiffener spacing
w,= stiffener width

| ; Ls= section length

elg(Mar-AKar) < 0
Material failure (Tsai-Hill)

Constraints Skin (facing) buckling loads Torsion buckling loads eig = eigenvalue solution
Stiffener wrinkling loads Mar = gen. mass matrix
Panel buckling loads Kar = gen. stiffness matrix

Thewhile loop calls the %' layer by using thémincon optimization function in Matlab Loads in the form
of shear forces in three directions and corresponding bgftolision moments, at the root of the current section,
are read from the DARLoads output.fé loop is called afterwards, where each panel in the curretioses
optimized through the"8layer of the algorithm. The length offar loop depends upon the number of panels
considered in a circular section of the fuselage. For beylength of thefor loop is 04, if a fuselage is
discretized into four panels i.e. crown on the top, keeleabtitom, and two sid&sbut in this paper a fuselage
cross-section is discretized into 12 straight panels, desestion A.

For the turn by turn optimization of each panel, the compurisgram known as WISSTs called in each
loop. Depending upon the position of a panel along the cienemée of the fuselage, the loads in tHda3er
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are converted into the load intensities of the panel undesideration. Depending upon the panel type i.e.
stiffened or sandwiched, WISST first initiates a fblssolution of the certain width out of the total given width
of the panel. Readers are referred to Fig. 5 and 6 of/Refhere a stiffened panel is depicted in the form of a
stiffener and called as a blade element. The failuteriitaken into account are the strength and stabilitiyeof
blade element. The solution from the initiator is then feansd to the sizing tool, which takes account of the
constraints of ply strength and buckling of a full-width gaarel meanwhile minimizing the objective of weight
per length of the panel. Whenever the objective is actliighie optimized panel is transformed into an
equivalent sandwich panel with a fixed skin thickness for gacdkel along the circumference of the fuselage but
with different equivalent material properties of both skin anek é¢e. modulus of elasticity/rigidity, poison
ratio, and density etc. These equivalent properties aracezplwith the new values, till the objective and
constraints with respect to the section lerigthre achieved in thé'@layer of the optimization. Table 1 gives a
brief overview of the design variables, constrains, andctisgs from local panel to full aft fuselage structural
level, where the mathematical expressions relatpanel and section constraints are stated in Appendices.
When the upper bound of the design
space, as given in the condition to enter in
while loop, is exhausted, the equivalent
model for each panel is written out in a text
file, which includes the bulk data entries of
grids and corresponding quad elements with
particular equivalent material properties.
MSC/Nastran is called on for the static
. condensation which gives the new stiffness

Section AA . .

& Coianbalin PeESHSES and mass matrices of the aft fuselage, which
are then assembled with the rest of the
components in global stiffness and mass
matrices of the whole aircraft. If the

1 constraint of real and negative eigenvalues

of the aft fuselage structure is not achieved

then the DARLoads is called on again with

5 the new stiffness and mass matrices, which

= in turn gives the new sets of loads for the

/ -~

! S . .

/ il - next iteration.
Equivalent Panel

A. Structural Representation
The circular section of a fuselage is
Fig. 3 The structural representation of the fuselage presented in the form of straight and
rectangular panels, placed at the particular
radius of a section with an andglalong the

Alets

[N)

circumference. Figure 3 shows the geometry of an aft
fuselage, where a circular cross-section is transformed i
12 straight panels. For better accuracy, the number ofpan: re
along the circumference can be increased, which may al /
increase the solution time. (j
The loads are applied at the condensation point, whic ;o
rests at the root of the current section. The loads a
interpolated from the given shear and bending/torsiO{\
moment diagrams. The condensation point represents t\‘*n.,
current neutral axis of the section and it may chaitge \
position in both vertical and horizontal directions tthepend ~ o
upon the weight of the each panel optimized in fHagad 3 »
layers of the optimization algorithm. Depending upon the
concept used in the fuselage structural design, each igane
shown to be represented in the form of foam-filledfestiéd

! . — — — — SESET.NA1
panel or foam-filled sandwich panel.
As stated above an optimized panel is further transforme =~ ——— SESET,N
into an equivalent sandwich panel, which is to be used intt  —. —.— RBE2 for SESET,N-1
static condensation by using the MSC/NasttarEach @ Exterior Grids for SESET,N-1
section is model as a superelement (SE) by using the SES ] i
bulk data entry, where the grids at the root of thatice O Condensation Grid

represent its interior points and the grids at thedip as its .
Fig. 4 The superelement representation
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Raot SE exterior points to the next section, see Fig. 4. Figwhdws the

superelement tree from root to the tip superelement. By ulseng t
rigid body element, RBE2, the stiffness and mass ptiegenf the
section are condensed to the grid at neutral axis. The cdeyaut
from the MSC/Nastran is written out output4 format, which is
then read by the Matlab to get the new mass and stiffnesgeas

of the aft fuselage structure.

B. Panel Load Intensities
The forces in shear are combined and the magnitude of the

Tip SE force perpendicular to the point is taken as the equivaleear
\._ force in the pandl. The shear flow is positive in clock wise
direction to the reference shown in Fig 3.

_F,sind-F, coy

P = R
j— MX

prZ - 7TR2 (1)

Residual SE
Fig. 5 Superelement tree Py = abs( Py * pxyz)

whereF, Fy, andM, are the shear forces inandz-axis, and torsion moment along tkexis, respectively. The
loads intensities in compression arise due the bending moMgatslM,, axial shear forc&,, and the internal
pressurep, which is taken as around 0.1MPa

—_ FX

P = 2nR
_M,siné+M, codd

P, =y B
- PR

Pe =75

P =P, * P, + P,
The load intensity along the hoop direction is also causelebiynternal pressure:
p, = PR (3)

. An Overview of Dynamic Loads

/‘ Dynamic loads are calculated by solving the
inertially coupled equations of motion (EoM) of a full
flexible aircraft®. The computer code DARLoads accepts
/ the aircraft structural data in the form of local stifsend
lumped mass elements. The aerodynamics data is given in
the form of local strips on each lifting surface, whereneac
strip is defined with its particular quasi-steady lifting
coefficients. All the component level stiffness, massl
Py aerodynamic influence coefficients are assembled in the
global matrices of the full aircraft, which are then solved
in state space form.

The aircraft motion is distinguished into rigid body
motions with respect to inertial axes on ground, and tr&i@leotions of aircraft structural components with
respect to aircraft body axes. Considering the elastic motionibrations about equilibrium state are smaller in
magnitude to those of rigid motions, EoM can be written itatesspace form and linearizedo zero and first-
order equationby perturbation theory of extended aeroelastitity

Fig. 6 Panel load intensities representation
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%© (t) = A© (X(O) (t)) + B(O)(X(O)(t)) u (0)(t) (4

The above equation introduces the zero-order state-veothat represents the rigid body motions i.e.
translations and rotations with respect to inertial. The obnectoru® =[5 3 6© 51", represents the

zero-order control inputs of elevator, aileron,dedand thrust, respectively. State space matAfeandB©
represent the coefficient matrices for inertia aodtrol forces, respectively. During the steadyesflght the
zero-order coefficient matrice&® andB, remain constant and so is the zero-order statonve”(t). The
first-order vectox!™(t) which takes account of vibrations and their effem overall response of the aircraft:

(1) =( A" +B,-B,G)xV(t) + F,i (1) ®)

The state-matrid” contains the partial derivatives of zero-ordepegies, stiffness, and damping matrices with
respect to the first-order state-vector. The coeffit matrixB, gives the sum of aerodynamic and gravitational
forces and subsequent moments due to vehicle masiting from external disturbangg,. B, multiplied by
the closed-loop gain matrig gives the coefficients of forces and moments duérst-order control inputs
which consequently minimize the effects of extedisturbance.

Using the mode displacement method, which is basethe internal elastic forces, the total loadmagl
certain degree of freedom (d.o.fy ‘of a componenti' are expressed as the sum of static loads and time
integration of the dynamic loads over the steadtest

_ 0 4 [ @
L‘(u) h ¢a(u) K‘(u) ()ﬁ() +J; X (t)dtj ©)

u

whereK andg are the stiffness matrix and vector of mode shap#se component, respectively.

IV.  Optimization Example
A Twin-jet aircraft is selected as a test case

Table 2 Aircraft geometry and flight conditions over a discrete gust. To get the initial loads thet,
Airspeed, ), m-sec 250 input data required for the structural and
Altitude, m 7620.0 aerodynamics properties of the aircraft are taken
Wing Span, m 16.7 from the Ref. 14. Flight conditions for symmetric
Mass, Kg 5884.23  flight with the dimensions of the outer geometry
Radius at the root of the aft fuselage, m 0.7 of the aft fuselage are given in Table 2. After
Radius at the tip of the aft fuselage, m 0.06  reading the inputs DARLoads assembles all the
Total Length of the fuseladg, m 7.1 required matrices. To get the trim condition,
Max. panel width, m 0.365 DARLoads minimizes the quadric function of

rigid-body zero order state vector in Eq. (4) and
optimizes the control vector for the given sgedthe external disturbance in the form of discmist is applied
for a period of 1 sec, and Eq. (5) is numericatlived over a 10 sec. Response of the aircraftarfdim of both
rigid and elastic motions are recorded and loadagakach d.o.f are extracted by using the Eq.R@ure 7
shows the static loads along the length of théusilage during the trim conditions, where the Bid.0 show
the dynamic loads at the root section of the fugelaver the time period of simulation. The signweattion for
the loads is to be followed with respect to thesasgstem shown in Fig 3.
To start with the structural optimization problem,

first the optimization for a foam-filled sandwict Table 3 Material Properties
fuselage structure is initiated. Material used fe t Carbon fiber fabric

analysis is given in the Table 3. It is thoughtttha Flexural modulus, E= B, N-mmi2  45000.0
sandwich panels should have a higher buckli Shear modulus, G N-mmi? 4000.0
strength to that of a stiffened panel so the uppend  pgisson ratioy/;, 0.03

of the design variablds in the 2 layer of the Density, Kg- mri 1.561e-6
optimization is taken same as thbile loop condition ' Foam core '

given in the T layer of the optimization. The lowel Flexural modulus, = Es, N-mni?  75.0
bound is given as 0.1 meters. While using t ghear modulus ﬁ N-mrzr?z 24:0
clockwi_se qlirection and starting fronr1 the paneh§, Poisson ratio;,/l,z 0.0
shown in Fig. 3, the™ layer calls the "8 layer for the Density, Kg- mi? 5269

optimization of each panel. Meanwhile the loads set
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that are given in Fig. 7-10 are integrated by usirggEq. (6) and presented in Fig. 11 and 12. Byguthe Egs.
(1-3) the load vectors are converted into the livaensities for each panel. The length of the fisttion is
optimized at 3.62 meters. Consequently the optimsaggests only two sections with approximately sheme
lengths but different weights. The optimized lesgtind corresponding weights of the fuselage sextiva
given in Table 4.

While keeping in mind the trend of the optimizegttton lengths in a sandwich structure, the fodteefi
stiffened panel optimization is initiated in thecerd case with a fixed upper bound i.e. a length.2fmeters.
The results are pretty much different to thoseheffirst case and the fuselage is optimized int@ections with
diverging weights. Table 4 shows the section lemgtth their weights per lengths. The section larfgt each
of the first five sections is always settled at thgper bound. It shows that the analysis could lpeeeeded
further and optimized the section with the largergths but the upper bound always limited thenhéodiven
length. The length of the last section is autonadificselected as the remaining portion left outhef sum of the
optimized section sizes minus the total lerigtbf the fuselage.

In the next attempt i.e. in Case 3 the upper boargkt at 2.0 meters. The optimized section lengiitis
their weights per length ratio are also given ibl&a4. The section lengths are fairly improved aspared to
those of calculated in case 2. However, likewisthénprevious case, the length of tHeséction also settles at
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Table 4 Section Lengths and Weight Comparison

Foam-Filled Sandwich Structure Foam-Filled Stiffened Structure Foam-Filled Stiffened Structure

(Case 1) (Case 2) (Case 3)
Sec. # Section Weight Ratio Section Weight Ratio Section Weight Ratio
N LengthL;, m Kg-m* LengthL;, m Kg-m* LengthL;, m Kg-m*
1 3.6282 238.27 1.20 59.122 1.2237 115.13
2 3.4783 215.6 1.20 72.183 1.6119 66.46
3 1.20 57.60 1.8059 62.79
4 1.20 60.0 2.000 62.56
5 1.200 49.20 0.465 32.31
6 1.1065 38.00
Total Weight 453.87 336.10 339.25

the given upper bound. Figures 13 and 14 plot #reepload intensities from root to tip, which shtwat the
normal load intensity alongaxis is mainly changing its direction from topltever panels i.e. the top panels at
the fuselage root are under compression and loaseelp are under extension. At the middle of théusiélage
the normal load intensity alongaxis is same all along the circumference. On therchand, after the middle of
the aft fuselage, the top panels are under exterasid lower panels are under compression. The maagbe
change in the load direction at these sectionsglwls caused by the load contributed by the emmmnreee
Fig. 7. The normal load intensity due the interpiassure, which is taken constant all over thetlen§ the
fuselage, applies extension loads on the panelvitm the bending moment, changes its direction, the load
intensity due to internal pressure is added todh#tieM, in Eq. (2). Whereas due to the small value of bend
momentM,, it has the minimum effect on the panels loadsnsities.

Figure 14-15 show that in the first two sections side panels with high shear loads are heavierights
as compared to those of the upper and lower pahkésreason can be the active wrinkling constraiuis to
shear loads on a stiffener, which let the optimizeoptimize a stiffener with the larger values stiffener
thickness and height. Figure 16-18 show the opéhigizes of the panels. In the case'®h8d 4" sections the
situation is on the other way around i.e. upperlaner panels is heavier than the side panels.shiear loads
in these sections is quite low whereas the noroad in extension is the main factor which decithessizes of
a panel. It is also observed that the upper ancerdgwanels which are under dominant normal loads are
optimized with a thicker skin as compared to thke gpanels which are under the combined loadingeohal
and shear load intensities. On the other handiassdsabove, the thicknesses of the stiffenersuoai®bined
loadings are larger than those of the top and bottanels. Interestingly, the optimizer compensgiesskin
thickness of the stiffener with its height or thber way around, which can be observed in few paret e.g.
panels marked as ‘A’ in Fig. 17-18. Similarly, thanel level buckling on these panels is highen tha rest of
the panels shown in Fig. 19-20, which shows thatdonter the buckling in a panel, the skin thicknet a
stiffener impacts more than to that of the heidtd stiffener.

Here, it is appropriate to discuss the successg$adlores in running the above exercise. As fothespanel
sizes are concerned, which are being optimizechbythird layer of optimization algorithm, do noeseto be
very practical in the sense that the thicknessesar consistent all along the circumference dsd aong the
length of the fuselage structure. Though the ogttidn routine is achieving the objective of minimweights
with the constraints of the strengths and the bangkloads, but it is not practically feasible to néacture a
fuselage section with divergent panel sizes. Therdent sizes seem to be resulted from the initimtdhe
panel optimization, where it randomly initiates fieasible values for the optimization of designiafles, and
for each of the iteration in thé®ayer of the optimization algorithm the initiator the 3% layer generates a
unique feasible solution. To improve the optimiaatproblem in the '3layer in future, it is thought to start with
a panel with the most critical loads and the optedi solution of that panel should be used as tasibike
solution for the rest of the panels of a sectiacdddly, instead of discretising the fuselage g&weeral straight
panels, it would be much better to use the cunatels in the form of crown, keel and two side psuasl given
in Ref. 2. Keeping in view the divergent resultdiist two layers, the *Llayer of the optimization is terminated
half way that at least gives the results from itst fwo layers, which are presented here. Aparfthe design
tradeoff study, the theme of the research alswited the formulation of an optimization algorithatich is to
be used in the structural optimization of the fibemposite fuselage during the concept and pretingidesign
phases. Besides having some local level techngsles, as stated above, the overall working of the
optimization algorithm seems to be quite feasillé ean also be used for the metal structure.
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Fig. 13 Normal load intensity along X-axis, N-mm-1 Fig. 14 Shear load intensity in X-Y plane, N-mm-1

Fig. 15 Panel weight (Case 3), Kg Fig. 16 Panel skin thickness t (Case 3), mm
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Fig. 17 Stiffener thickness ‘4’ (Case 3), mm Fig. 18 Panel height ‘h’ (Case 3), mm
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Fig. 19 Stiffener wrinkling state (Case 3) Fig. 20 Panel buckling state (Case 3)
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Now comparing the total weights of both the designcepts i.e. stiffened and sandwich structurshdiws
that the foam-filled stiffened panel has an advgataver the sandwich structure. The weight of framsenot
included in the design yet, so the weight for ttifesied structure will increase further. Howevarpractical
structural design of the fuselage requires sevesates to support the floor and also the connestlmtween
the fuselage and wings or tail sections, which makdvious to include the frames in the sandwithciure
too. From this study the only advantage of sandwichcture over the stiffened one appears to herims of
manufacturing. As stated in Ref. 2, the stiffeneghgds require several manufacturing processes aatdrf
hours, whereas the sandwich panels are easy tofactume and require less factory hours.

V. Conclusions

An attempt is made to formulize an optimization aaithm, which is to be used for the structural
optimization in the fuselage design. The algoritkrdivided into three layers of optimization, whesch layer
has its own objective and constraints functions, @esign variables. The first layer optimizes thik fliselage
structure, while keeping the constraints of negatind real eigenvalue solution of mass and stifmeatrix.
The second and third layers take care of sectigel land panel level optimization, respectively, vehéhe
objective is to minimize the ratio of weight pendgh of a section or a panel. The constraints i ¢hse are
buckling and material strength of the concerneeélage section or the panel.

The aft fuselage structure of an executive jeflkeh as a test case for the optimization. The tstreids
designed with two types of concepts i.e. foamdilmndwich panels and foam-filled stiffened paSéluctural
loads sets due to a discrete gust input are creatgdptimization problem for each concept. Thelteshow
that the foam-filled sandwiched structure is qufficient in terms of panel buckling and cylinderinkling,
which requires require only one frame over the ferd 7.1m of the aft fuselage, whereas the stiftestructure
requires at least five to six numbers of framesenshin terms of weight ratio per section length skifened
structure has an advantage over the sandwichedutreh may not be very practical where a fuselagecture
require a quite numbers of frames to hold floor amags etc. The only advantage of sandwich strectwer
the stiffened one seems to be in terms of manufagtuApart from the design tradeoff study there &aw
technical issues, which are found in the optimaratilgorithm and to be addressed in future.

Appendix: Panel and Section Level Constraints

The buckling and strength constraints are beingldg by the optimizer at every level i.e. from lopby
level (material failure) to the skin and stifferrckling, and further to the global buckling of angl. In the %
layer of optimization algorithm it checks the caoasits of cylinder buckling due to the torsion lead

Material Failure
Material failure is evaluated with the Tsai-HilliJ criterior/**

2 2 2

= Oy _ 99, +i pEA (A1)
X? Xy Yy* g?

whereg, 7, X, Y, andS are applied normal stress, applied normal sheesstmaterial maximum normal stress

in x direction, material maximum normal stresyidirection, and material maximum shear stress gasgely.

Skin Buckling

The stability of the skin or panel facing is maimgtivated for a foam-filled stiffened panel optiaion
problem and evaluated by assuming that the long®dflength_s of a long plate (skin) are built-in, where the
compressive loads should not exceed the criticekling loadsNy %

N, :%[4.53/D(1@Dm +2.64D1,,+ D] (A2)

whereD is the stiffness matrix of the laminate of thenskinly, andw;, as shown in Table 1, is the stiffener
spacing.

Foam-Filled Stiffener/Panel Face Wrinkling
The face wrinkling of foam filled panel or stiffanis a local phenomenon. For an isotropic core riate
with an isotropic facing, the critical load agaitts wrinkling is defined a&
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2D, ,@°
</ b where a = s (A3)

o Vs (3-v,)(1+v,)

whereD, E;, andv . are the stiffness matrix of the facing, Young mladwand Poisson’s ratio of the core
material, respectively.

Panel (Global) Buckling
Critical buckling load for a four sided simply supfed panel in compression is expresséli as

s L2 w?
N = F[D(u) 5+ Doy 7+ 2Py + 20, o) (A4)

S S

wherew is the total width of the panel. The buckling lah to shear loads is expressés as

4
N, :F‘4/ DuyD(z4 (15.07+ 7.0K) whenk <1 (A5)
4 3.56
N, :FQ/ Dy (Diay* 2D 66) [18.59+Tj whenk > 1 (A6)
2D, . +D
where K=__(8 ~(13
DeyPi2s

Torsion Buckling
The value of torsion load at which buckling canwds expressed &s

h+t -t
T =4mR*r. | 0.8K_E M (A7)
or 1% cr s—f R

wherekE; is the Young modulus of the facing. The bucklingficientKsis a function of section length and
analytical expressed in the Eg. (98) of the Refltl&an also be determined by using the Fig 4c6-Ref. 16.
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