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sraauRY 

An a s s e s s m e n t i s made of the u s e f u l n e s s and p o t e n t i a l of e x i s t i n g European Tiypersonic f a c i l i 
t i e s , on t h e b a s i s of the planned U . 3 , space s h u t t l e p r o j e c t and a h y p o t h e t i c a l h y p e r s o n i c t r a n s p o r t 
a i r c r a f t . With r e s p e c t t o aerodynamic t e s t i n g of space s h u t t l e type of v e h i c l e s i t i s p o i n t e d ou t 
t h a t a e i ^ i f i c a n t ^ayi e x i s t s between '̂ = 10 and I' = I 5 . 

At l o w - h y p e r s o n i c Maoh numbers the f a c i l i t i e s in Europe w i ] l g e n e r a l l y meet t h e minimum r e q u i 
r emen t s f o r t e s t i n g h y p e r s o n i c t r a n s p o r t mode l s , European c a p a b i l i t i e s appear to be r a t h e r s i m i l a r 
t o t h o s e in the U . S . h y p e r s o n i c wind t u n n e l s , though the U , 3 , c a p a b i l i t i e s w i l l be i n c r e a s e d c o n s i 
d e r a b l y in the n e a r f u t u r e , 

I t i s f u r t h e r conc luded t h a t European f a c i l i t i e s f a l l s h o r t in t h e i r performance of what i s 
r e q u i r e d , i n t h e f i e l d of p r o p u l s i o n ( i n c l u d i n g s u p e r s o n i c combust ion t e s t s ) and a l s o of hardware 
t e s t i n g . 
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1 . IMTRODUCTION 

Th i s La'.Js p a p e r w i l l be mainly concerned w i t h the r e q u i r e m e n t s f o r aerodynamic and p r o p u l s i o n 
t e s t i n g in wind t u n n e l f a c i l i t i e s f o r deve lopmenta l work in the h y p e r s o n i c speed regime i . e . on 
v e h i c l e s f l y i n g a t ' ' ach n u n b e r s g r e a t e r than about 5 . Two t y p e s of v e h i c l e s a re of c u r r e n t i n t e r e s t , 
namely the space s h u t t l e and the h y p e r s o n i c t r a n s p o r t a i r c r a f t ( H . S . T . ) . 

The space s h u t t l e i s t o e n t e r the development phase by mid 1972. Outs ide the U .S . European p a r 
t i c i p a t i o n in the p r o j e c t has been c o n s i d e r e d (Ref. 1) bu t i s no t ve ry l i k e l y a t the moment of w r i 
t i n g (R^f. 2 ) . The system u n d e r development w i l l be p r o p e l l e d by r o c k e t e n g i n e s . In o r d e r t o make 
r e g u l a r space l a u n c h e s more e c o n o m i c a l , however , an a i r b r e a t h i n g p r o p u l s i o n has t o be u s e d . I t i s 
g e n e r a l l y e x p e c t e d t h a t such a system w i l l be deve loped a f t e r t h e r o c k e t sys tem u n d e r c u r r e n t d e v e 
lopment . Th i s l i n e of t hough t may e v e n t u a l l y l e ad t o the h y p e r s o n i c t r a n s p o r t system a t t h e end of 
t h i s c e n t u r y y i e l d i n g l e s s s o n i c boom prob lems a t c r u i s e a s compared w i t h t h e SST. 

Advanced h y p e r s o n i c m i s s i l e s , e i t h e r r o c k e t or ( s c ) r a m j e t p r o p e l l e d a r e a l s o t o come, though 
l i t t l e i s known of the r e q u i r e m e n t s . 

The chances t h a t Europe may p a r t i c i p a t e w i t h the U . S . in the development of one of t h e s e p r o 
j e c t s in the n e x t few y e a r s a re p r o b a b l y s m a l l . On the o t h e r hand much work of a more e x p l o r a t o r y 
or fundamental n a t u r e , such a s d e s c r i b e d f o r i n s t a n c e in r e f e r e n c e s 3 and 4 r e s p e c t i v e l y , h a s t o be 
done be fo re the development phase of a r a m j e t / s o r a m j e t p r o p e l l e d h y p e r s o n i c t r a n s p o r t can be i n i 
t i a t e d . In t h i s f i e l d the p r e s e n t wind t u n n e l f a c i l i t i e s in Europe w i th on ly l i m i t e d p e r f o r m a n c e , 
compared w i t h f u l l s c a l e r e q u i r e m e n t s a r e c e r t a i n l y of g r e a t v a l u e . 

Befo37e the development of a HST can be s t a r t e d the economic f e a s i b i l i t y of the system h a s t o be 
d e m o n s t r a t e d . The pay load b e i n g on ly a s m a l l p e r c e n t a g e of t h e t o t a l w e i g h t , t h e ae rodynamic , p r o 
p u l s i v e and s t r u c t u r a l c h a r a c t e r i s t i c s shou ld be known w i t h a h igh deg ree of a c c u r a c y ( r e f . 3 ) . 
To accompl i sh t h i s , f a c i l i t i e s must be a v a i l a b l e where ae rodynamic t e s t i n g a t h i g h enough Reynolds 
numbers i s p o s s i b l e and where e n g i n e - a i r f r a m e i n t e g r a t i o n can be s t u d i e d w i th r e p r e s e n t a t i v e i n t a k e 
and exhaus t j e t s i m u l a t i o n , t o ment ion j u s t one ae rodynamic p rob lem. Also h i g h performance long 
d u r a t i o n f a c i l i t i e s a r e needed f o r hardware t e s t i n g of t h e p r o p u l s i o n system and of the s t r u c t u r e 
of the v e h i c l e which w i l l "be s u b j e c t e d to s e v e r e aerodynamic h e a t i n g . 

In the n e x t d i s c u s s i o n on h y p e r s o n i c f a o i l i t i p s the r e q u i r e m e n t s w i l l be c e n t e r e d on t h e r e 
qu i remen t s f o r t h e development work on t h e space s h u t t l e and the h y p e r s o n i c t r a n s p o r t t a k i n g two 
t y p i c a l e x a m p l e s . *) 
Hence a judgement can be made on the work t h a t can be done i n the European f a c i l i t i e s t h a t i s of 
fundamental and of p r a c t i c a l i n t e r e s t , and i n which a r e a s of r e s e a r c h and development European hy 
p e r s o n i c f a c i l i t i e s show s h o r t c o m i n g s , 

In the p a s t , s e v e r a l European f a c i l i t i e s have been used f o r m i l i t a r y p r o j e c t development ( i . e . 
t a c t i c a l and b a l l i s t i c m i s s i l e s ) . Th is type of a c t i v i t i e s w i l l undoub t ly remain in the f u t u r e b u t 
t h e m e r i t s w i l l n o t be d i s c u s s e d i n the p r e s e n t p a p e r , due t o l a c k of d e t a i l e d i n f o r m a t i o n . I t can 
be remarked however t h a t f o r such a p p l i c a t i o n s the u s e f u l n e s s and p o t e n t i a l of p r e s e n t European 
f a c i l i t i e s a r e q u i t e s a t i s f a c t o r y . 

T y p i c a l t r a j e c t o r i e s f o r the v a r i o u s t y p e s of h y p e r s o n i c v e h i c l e s a r e found in the a l t i t u d e -
v e l o c i t y diagram of f i g u r e 1 , which i s a c o m p i l a t i o n of d a t a found in the l i t e r a t u r e . 

1.1 Bas i c s t u d i e s 

Before b e i n g a b l e t o i r r i t e down r e a l i s t i c s p e c i f i c a t i o n s f o r h y p e r s o n i c v e h i c l e s such a s s e m i -
b a l l i s t i c e n t r y v e h i c l e s (Gemini , A p o l l o ) , l i f t i n g e n t r y v e h i c l e s (Space s h u t t l e ) and the h y p e r s o n i c 
t r a n s p o r t many b a s i c q u e s t i o n s have t o be answered f i r s t . As f a r a s t h e f l u i d dynamic a s p e c t i s con
c e r n e d , i n f o r m a t i o n i s needed on t o p i c s such a s boundary l a y e r t r a n s i t i o n ( l o c a t i o n and o c c u r r e n c e ) , 
r a d i a t i v e h e a t t r a n s f e r d u r i n g r e - e n t r y , f u e l i n j e c t i o n i n a s c r a m j e t e n g i n e , and a b l a t i o n h e a t 
s h i e l d p r o p e r t i e s , m e n t i o n i n g on ly a few a r b i t r a r y e x a m p l e s . 

Not on ly i n the Uni ted S t a t e s , which i s the on ly Western n a t i o n t h a t h a s deve loped manned hyper
s o n i c v e h i c l e s such as t h e A p o l l o , the X-1ï and p r e s e n t l y t h e space s h u t t l e , b u t a l s o i n Europe a 
r a t h e r e x t e n s i v e h y p e r s o n i c r e s e a r c h program e x i s t s . An i n v e n t o r y of the European r e s e a r c h and f a c i 
l i t i e s can be found i n r e f e r e n c e s "^-7, T h i s i n v e n t o r y i s the r e s u l t of the i n i t i a t i v e to c r e a t e 

*) In a r e c e n t a r t i c l e ( r e f , 8 4 ) m i l l t a r y h y p e r s o n i c c r u i s e a i r c r a f t a r e f o r e s e e n in the l a t e 1 9 8 0 ' s 
which would open a new c o r r i d o r f o r weapons d e l i v e r y . With speeds of Maoh S-12 a t over 11(1,000 f t 
a l t i t u d e i t would have pe r fo rmances of a m i s s i l e and f l e x i b i l i t y and r e o a l l i b i 1 1 t y of an a i r c r a f t , 
The r e n u i ^ e ^ e n t s w i l l be comparable w i th t h o s e of the HST. 
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Eurohyp, a more or l e s s informal body to br ing people toge ther working in the same f i e l d , to d i s s e 
minate information on the hypersonic work in Europe and to c r e a t e a b e t t e r c o - o p e r a t i o n . A summary 
of the a c t i v i t i e s of Eurohyp s ince 1968 can be found in the i n t r o d u c t i o n of r e f e r e n c e "i. 

I t i s concluded from the survey that a s i g n i f i c a n t amount of work i s b e i n g done in Europe and 
much of i t w i l l be a p p l i c a b l e to the des ign of the rea l hypersonic v e h i c l e s t h a t w i l l be d i s c u s s e d 
in the subsequent s e c t i o n s . 

1 .2 The space s h u t t l e 

The proposed U .S . space s h u t t l e w i l l be a two-s tage sys tem, c o n s i s t i n g of unmanned w i n g l e s s 
s o l i d prope l lant recoverab le b o o s t e r s and a manned o r b i t e r . The o r b l t e r w i l l be a d e l t a winged l i f 
t i n g v e h i c l e with a l ength of 33.6 m and a span of 22 .6 m. The v i n g load during r e - e n t r y i s e s t imated 
t o be somewhere between 200 and 250 kg/m2. The land ing weight w i l l be about 75 t o n s , Orbiter propul
s i o n i s by three l i q u i d rocket e n g i n e s . The maximum a o o e l e r a t i o n during launch or r e - e n t r y i s l i m i t e d 
to 3 g ( r e f . 1 , 8 and 9 ) . Stage separat ion w i l l occur a t about Maoh 7 a t an a l t i tv ide of about 60 km. 

Experimental s t u d i e s in Europe have been l a r g e l y devoted to l i f t i n g b o d i e s with l i f t / d r a g r a t i o s 
h igher thain the present U .S . d e s i g n , ^ i t e a l o t of work has been done In Geroany ( r e f . 4 , 10) not 
only a t hypersonic speeds but a l s o in the t r a n s o n i c and subsonic speed reg ime . In the U.K. high L / D 
c o n f i g u r a t i o n s have been s tud ied by the RAE. A good d i s c u s s i o n on t h i s s u b j e c t may be found in r e f e 
rence 1 1 . 

For the proposed U.S . spaoe s h u t t l e , a c r o s s range of 1100 n a u t . m i l e s ( r e f . 1) w i l l correspond 
with a hypersonic l i f t / d r a g r a t i o L /D « 1 . 3 ( r e f . 1 1 ) . The aerodynamic c o e f f i c i e n t s of such a v e h i c l e 
are considered to be represented a c c u r a t e l y enough for the c a l c u l a t i o n of the f l i g h t t r a j e c t o r i e s by 
the data from r e f e r e n c e 1 2 , 

These data g ive 

or 

(dee) 

25 

55 

°L 

0.3 

0.7 

L/D 

1.3 

0 .6 

0.37 

1.36 

0.08 

0.10 

Condit ion 

"̂  . . ^ ^ * M ; J * * ^ / > w * 

MaxiauB L/S 

For a wing load ing M / S - 200 kg/m^ three eqiuilibrium r e - e n t r y g l i d e t r a j e c t o r i e s ham been c a l 
c u l a t e d , de f ined a s r e - e n t r y «1th constant L/S and bank angle ^ ( r e f . 13) and zero v e r t i o a l a c c e l e r a 
t i o n . The p u l l - o u t phase «hloh occurs a t a f l i g h t a l t i t u d e of about 8o km i s not c o n s i d e r e d . Also 
v i s c o u s e f f e c t s which a f f e c t the I./C r a t i o a t h i ( ^ a l t i t u d e have not been c o n s i d e r e d , f o l l o w i n g r e f e 
rence 1 3 . The f o l i o v i n g three c o n d i t i o n s hSTS been c a l c u l a t e d . 
1 . C. , ^ m 0 vh ich minimizes the heat t r a n s f e r r a t e s to the v e h i c l e 

max 

2. (I/B) , ^ - 0 which gives the mazinum range (zero cross range) 

3. (L/D) , 0 ' 60°. This bank angle gives an acceleration in the horizontal plane of about 2,3 g, 

vhich is well below the maximum permlssable vKlue of 3. The cross range for this non-modulated 
trajectory has been calculated by a numerical integration in crude stspa (13 steps for the com
plete trajectory) and was found to be about 925 naut. miles, which is not too far from the re
quired maximum cross range. This simplified trajectory seems therefore a reasonable approximation 
of the real maximum cross range trajectory. 

The results hare been plotted in the altitude-velocity diagram of figure 2. 

Finally it should be noted that the descend trajectory of the boosters is not indicated due to 
lack of data. When booster recovery is required however, the aerodynamic behaviour should certainly 
be studied. 

1.3 The hypersonic transport 

For quite some years the hypersonic transport concept has been studied. A review on the subject 
is for instance presented in reference 14. Early studies considered flight speeds up to Mach 15 but 
more recent studies by NASA are rather concentrated on the Maoh 6-8 speed range. A typical example is 
the vehicle, presented in reference 1? powered with four hydrogen-fueled turboramjet engines desig
ned to fly at a cruise Maoh number of 6 at an altitude of about 30 km. The vehicle should r-ir—: a 
payload of about 23 ton which is about 9 °/o of the gross take-off weight. It has a length of 76.5 m 
and a span of 38 m. 

The hypersonic transport will typically aooalerate at q . .̂  kg/cm until the cruise I'ach number 
and will than •'.noreane its altitude towards the level of optimal cruise (ref. 15) at close to maximal 
lift-over drag ratio. (Fig. 1 and 2). For a wing loading of 200 kg/m? (ref. 15) "the lift coefficient 
is then C .= 0.04. The airbreathing space shuttle which might come after the rocket powered launchers 
and orbiters will closely follow the same ascend trajectory as the HST (ref. 16). 



At sustained hypersonic flight the vehicles will be propelled by ramjets or by scramjets 
(supersonic combustion ramjets), the former for low hypersonic J'ach nunbers (V. < fi to 7) and the 
latter for high hypersonic Cach numbers (K > 6 to 7). Figure 3 (ref. 14, 16) illustrates the superi
ority of the scramjet operation over the subsonic burning ramjet at high f̂ ach numbers (H fuel). 
Dual-mode scramjets which can operate with either subsonic or supersonic burning of fixed geometry 
are studied in the USA by AirResearch/NASA and in Europe by ONERA (ref. 17). ONERA has also perfor
med an extensive wind tunnel testing program on hypersonic transport configurations (ref. 18). The 
other establishments in Europe who performed detailed studies on hypersonic lifting vehicles are 
the RAE and the DFVLR (ref. 4). Much work has been concerned with wave riders, based on simple flow 
fields such as wedge flows and cone flows. The significance of these shapes is seen not only for 
the hypersonic transport (refs. 19, 20, 21) but also for the space shuttle (ref. 11). It is advo
cated as distinctly European contribution to the design of lifting propulsive bodies (ref, 22). 

1.4 Scramjets 

:hr. advaröa,-e of sunersonio co-;bustion i s mainly dup to the increased i n l e t performance r e l a t i v e to 
the subsonic burning mode ( the f low remains s u p e r s o n i c , hence l e s s s t a t i c pressure r i s e and no nor
mal shock l o s s e s ) , the low s t a t i c temperature in the burner ( '^^1000°K versus wel l over 20O0''K and 
hence more s e n s i t i v e heat a d d i t i o n due to l e s s d i s s o c i a t i o n a f t e r combustion) and, l a s t but not 
l e a s t , improved n o z z l e performance due to l e s s f r e e z i n g of chemical s p e c i e s in the expansion process 
( r e f . 2 3 ) . In oase of a subsonic burning ramjet the i n l e t can be t e s t e d s e p a r a t e l y from the oombus
tor and the combustor u s u a l l y does not y i e l d much performance problems s ince the subsonic combustor 
technology i s w e l l e s t a b l i s h e d . The increase in f l i g h t speed w i l l only ease the burning r a t e problem 
due to the increased temperaturest however, c o o l i n g and mater ia l problems w i l l show up . 

The technology of Bupersonie combustion i s however s t i l l ra ther new and much should s t i l l be 
dons before good performance assessment i s p o s s i b l e , p a r t i c u l a r l y i f the engine has to be run both 
a t the subsonic and superson ic burning mode during the a c c e l e r a t i o n f a s e . A good match must be made 
between the three componentsi i n l e t , combustor and n o z z l e . 

Two main problems e x i s t for scramjet prope l l ed a i r c r a f t namely, the performance assessment of 
the i s o l a t e d engine and the engine i n t e g r a t i o n i n t o the a ir frame. At hypersonic speed the required 
engine f r o n t a l area (or f ree stream capture area) i n c r e a s e s s t r o n g l y with r e s p e c t to the supersonic 
speed c a s e . For example f o r Concorde the t o t a l i n l e t area i s l e s s than 1 **/o of the wing area where
as for a H « 7 a i rp lane t h i s r a t i o i s of the order of 3 to 4 ° / o . This i n c r e a s e i s mainly due to 
the f a c t tha t the n e t thrus t i s only a s n a i l f r a c t i o n of the engine g r o s s thrus t ( the same s i t u a t i o n 
as with high by -pass r a t i o fan e n g i n e s a t subsonic s p e e d ) . This makes t h a t i n l e t , superson ic combus
tor and n o z z l e performances are very c r i t i c a l s i n c e a 1 ° / o g r o s s thxoist l o s s m i ^ t g ive a 10 ° / ° 
i n c r e a s e in f u e l consumption. f \ i r ther , t h i s large r e l a t i v e i n l e t area i n c r e a s e s the e n g i n e - i n t e r f e 
rence problems, both a t the i n l e t s i d e , but mainly a t the nozz le s i d e . 

S tud ie s ( r e f . 24) have shown that d e f l e c t i o n of the large g r o s s thrus t v e c t o r can y i e l d s i g n i 
f i c a n t ga ins in l i f t v i t h l i t t l e l o s s in a v a i l a b l e t h r u s t . In a d d i t i o n the p r e s s u r e s of an under-
expanded n o z z l e f l o v of a HST c o n f i g u r a t i o n could provide favourable i n t e r f e r e n c e e f f e c t s i f the 
exhaust f l o v vashed a large area of the v i n g lover surface ( r e f . 2 5 ) . These engine f o r c e s w i l l cause 
trimming problems of the a i r c r a f t . 

Concluding! the a i r b r e a t h i n g e n g i n e s of a hypersonic v e h i c l e form suoh an i n t e g r a l par t of the 
a i r c r a f t that engine s imula t ion (both i n l e t s and exhaus t ) should always be performed and the i n s t a l 
led engine performances must be c a r e f u l l y a s s e s s e d on s p e c i a l t e s t benches , which w i l l look l i k e 
hypersonic wind t u n n e l s . The ONEHA S4KA tunnel for ins tance i s in f a c t a pwbble bed heated wind tun
n e l v i t h i t s t e s t s e c t i o n nozz le rep laced by a complete ramjat / scramjs t engine ( r e f . 2 6 ) . 

2 , PI,OVI PARAMETERS TO BE SIMUUTED IN OPOUND FACILITIES 

In order to obta in information on the behaviour and performance in the des ign and development 
phase of the v e h i c l e s descr ibed above, vind tunnel t e s t i n g under s imulated environmental c o n d i t i o n s 
i s i n d i s p e n s a b l e . This t e s t i n g i n o l u d s s aerodynamics, propuls ion systems and hardvare. These three 
a s p e c t s may o f ten be t r e a t e d s e p a r a t e l y but a l s o oombined s t u d i e s are needed^ for i n s t a n c e a irframe-
engine i n t e g r a t i o n (aerodynamics p lus propuls ion) and engine endurance and r e l i a b i l i t y t e s t i n g (pro
p u l s i o n p l u s hardvare) . 

2.1 Aerodynamic t e s t i n g 

The hypersonic f l o v regime can be d iv ided i n t o three regimes v i t h d i f f e r e n t f l o v parameters of 
primary i n t e r e s t i 
- the low hypersonic regime from Hach 5 up to say Maoh 10 or 1 2 , where d u p l i c a t i o n of the Mach num

ber and the Reynolds number are of primary I n t e r e s t 
- the h y p e r v e l o c i t y regime where the flow v e l o c i t y (or entha lpy) and the f low d e n s i t y are most im

portant parameters , rather then Maoh number and Reynolds number and where r e a l gas e f f e c t s may 
play an important r o l e 

- the low d e n s i t y regime at a l t i t u d e s above 50 to 70 km where the mean free path between the mole
c u l e s becomes comparable with c h a r a c t e r i s t i c body d imens ions . The r a t i o of the mean f r e e path and 
the laminar boundary layer th lokreos i s proport ional to M/ V Re, which i s the main parameter to 
be s imulated . The low d e n s i t y e f f e c t s become Important above about "'/ •J Re • 0.01 ( r e f . 4 ) . 
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During the greater part of re-antry high temperature e f fects (hypervelocity regime) as well as 
low density e f fects are present. The scaling lavs for these f l ight conditions are so different 
(oonvective versus radiative heating, non-equilibrium chemistry) that only partial simulation in 
ground f a c i l i t i e s i s possibls (Rsf. 27), vhsn no ful l scale test ing i s done. 

Por the lov hypersonic regime, vith or vithout lov density e f fects present, i«rodynamlc t e s 
ting of scaled models i s ve i l possible. 

In figure 4 the trajectories of figure 2 have be^n translated into a Mach number-Reynolds 
num'ber diagram. Also the boundary of continuum flow M/ V Re - 0.01 i s indicated. In the next para
graphs i t s consequences for ths flov parameters to be simulated for the space shuttle orbiter and 
the hypersonic transport are discussed in somevhat more de ta i l . 

2.1.1 The space shuttle 

A good reviev of the aerodynamic problems related to the space shuttle vehicle i s found in 
reference 28. Although data on the final North American Rockvell configuration are not presented, 
the data for the high cross-range orbiter (Ref. 28, p. 285 e . g . ) shov good agreement vith the sim
plif ied trajectories presented in figure 4. 

Ideally the flov conditions around the fu l l scale vehicle should be duplicated around the 
model. This i s done by duplicating the Mach number M, the Reynolds number Re and the vai l tempera
ture to free stream temperature ratio T / i f high temperature real gas ef fects are excluded for 
the moment. ' «*̂  

2.1.1.A Hach number 

Maoh number duplication i s necessary for shock shape duplication. It i s knovn however, that 
at high enough Maoh numbers the shock becomes very close to the under-surface of space shuttle- l ike 
bodies at representative angles of attack and is almost insensitive to further increase in flow Kach 
ntimber. Also the situation at the leeward side «here severe flov separations ex i s t becomes insensi
tive to Maoh number changes. It i s therefore suggested that duplicating the flov Mach number at 
Mach 15 or 20 i s not v i ta l for the space shuttls (Ref. 29). 

This suggestion i s supported by looking at the s l ip flov boundary in figure 4. In the s l ip 
flov regime vhere the Mach numbers are above 15 to 20, the force data can be correlated on the rare
faction parameter M/ \/~Ré. For more deta i l s see section 2 . I .1 .C. 

A , ^ 2.1.1.B Reynolds number 

Reynolds number duplication and temperatxire ^&tio v/T^„ duplication i s required for dupli
cation of the boundary layer thickness and the ki'nd of boundary layer (laminar or turbulent). 

For a proper design of the thermal protection system knovledge of the location of the boundary 
layer transition region i s essent ia l . According to reference 30, there i s yet no definite conclusion 
hpv the transition data, found in vind tunnels, should be interpreted for the fu l l scale vehicle . 

In reference 31 some nev free f l ight transition data are presented and various transition cr i 
teria are discussed. For local Mach numbers above 5» "the Reynolds number based on the conditions at 
the edge of the boundary layer and the wetted length Re which indicates the onset of transition 

6 7 ^+ A 
was somewhere "between 10 and 10 (data scat ter) . Below M <% 4 values of Re betveen 10 and 
5 x 1 0 are found with a data scatter of about two orders of magnitude. These lower i^ values 
are obtained at high angles of attack on the lower side of the vehicle and are probably largely 
Influenced by 3-dimensional e f f ec t s . It should be remarked that Re i s not the best correlating 

parameter but rather Re based on a boundary layer thickness, in combination with the local Mach 
number and Reynolds number per unit length (Ref. 31). In reference 31 i t was found that for a 
oc • 40° re-entry onset of transition starts on the lower side of the vehicle somewhere between 70 
and 80 km but reference 32 gives about 65 km. 

Comparison of these data with figures 2 and 4 indicates that the somewhat vague boundary bet
veen continuum flow and s l ip flow coincides more or l ess with the boundary between full laminar flow 
and laminar plus transitional flow. Right and below this boundary the Mach number and the Reynolds 
number are the main flov parameters. 

The required Reynolds numbers for correct boundary layer transition duplication in vlnd tunnels 
seems to be tui unsolved problem, considering the accuracies required for the design of an optimum 
thermal protection system. 

T / In this context the parameter v/T^^ should also be mentioned. This i s an important parameter 
not only for the skin frict ion coefficient or the heat transfer coefficient (see for instance refe
rence 33), but also for the boiuidary layer transition point (see for instance reference 34). 
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The vai l temperature v i l l depend on the method of cooling but may vary betveen 600 and 1700°K 
along the vehicle wall , which means that T / wi l l vary between about 3 and 8. For wind tunnel 

"/ ^oo 
test ing the maximum Reynolds num"ber i s attained when the free stream temperature i s as low as possi
ble , the l imitation being the condensation temperature of the gas which varies between 30 and 60''K 
for. air and nitrogen, the value increasing with stagnation pressure (Ref. 35). A wall temperature 
of the model equal to room temperature may "be a reasonable value to simulate an average of the non-
xiniform wall temperature of the ful l scale vehicle . 

In conclusion the best way to deal vith the transition problem seems to duplicate the Reynolds 
number and If possible the temperature ratio T /„ in the continuum regime Indicated in figure 4. 
The boundary layer thickness v i l l than be ' **^roperly simulated and the transition region ge
nerally v i l l be more upstream than on the fu l l scale -vehicle (see data of reference 31), vhich gene
ral ly v l l l not lead to too optimistic pradiotions for the thermal protection requirements. Maoh num
ber-Reynolds number duplication also eliminates the necessity for possible Reynolds number correc
tions for the phenomena on the leevard side of the "vehicle vhere large regions of separated flov 
e x i s t . 

2.1.1.C "Viscous interactions and lov density ef fects 

The space shuttle orbiter v i l l experience ]>eak heating and deceleration at 60-70 km altitude 
(Ref. 28, 36) , vhere low density ef fects can certainly not be neglected. The s l ip flow regime which 
extends roughly betveen M/ v / ^ = 0.01 and 0.1 i s indicated in figure 4. The lov density regimes at 
higher al t i tudes such as the near free molecule and the free molecule regime are of l e ss importance 
for the spaoe shuttle re-entry from a practical point of view. Prom reference 29 the following re
marks are quoted. 

The most significant practical e f fec t s , as far as overall performance i s concerned, occur on 
slsnder, high L/D vehic les . Not only are much larger viscous interaction induced forces generated 
on this type of vehic le , resulting in a large reduction in L/D (see reference 4 for instance), but 
the ef fects extend to re lat ive ly lover alt itudes than the other low density e f f e c t s . 

In the case of the space shuttle a large percentage of the re-entry f l ight time i s spent in 
manoeuvring in the high altitude regions dominated by riref ed flow e f f ec t s . It has been established 
that rarefaction e f fects are l ikely to be signifioant o"ver the whole of a Blender "vehicle, over loca
lized regions suoh as on control surfaces, i f the value of the viscous Interaction paramter M/ / ^ ^ o , 
L i s greater than about 0.01. For a 20m long vehicle this corresponds to about 75 km altitude over 
the forward surfaces i f they vere at 40° incidence to about 55 km over the leevard surface at about 
-10° incidence (end of quotation). 

In order to hâ ve an indication of the viscous interaction e f fects on the longitudinal range, 
calculations have been made for the highest re-entry trajectory of figure 2, vhere these ef fects 
v i l l be most s ignif ioant. For the sake of simplloity i t i s assumed that C- remains imaffeoted. The 

effect on L/D i s assumed to be represented by reference 37, figure 26 i at H/ V He - 0.1 the L/D 
value i s half the invisoid value of 0,6. 

Starting from the vert ical equilibrium condition at an altitude of 90 km the fol ioving longitu
dinal range i s attained vhen the f l ight velocity has decreased to 1 km/sec i L/D - const, R - 6200 
km and i f L/D influenced by viscous effects R • 4600 km or about 75 percent of the inviscid value. 
This i s the result of a rather crude calculation (numerical integration in eleven steps) . 

For vehicles vith much higher L/D values for the same W/SC. the influence of viscous interaction 
on the range performance i s even much larger. In reference 38 calculations show for a L/D - 4 
vehicle reductions in range of more than 505̂ . For a discussion on the relevance of such high L/D ve
hicles the reader i s referred to references 11 and 39. 

The examples mentioned show that knowledge of the aerodynamic behaviour at high alt itudes i s 
essential for the assessment of the vehicle performance. Analyses which do not take low density 
e f fects into account can give misleading resu l t s . 

It i s concluded from figure 4 that aerodynamic testing of the vehicle behaviour should be done 
for values of M/ \ / ^ between 0.01 and 0.1 at i;nch numbers above,say V.(see also sub 2.1.1,A). Its 
significance should be considered against the background of the influence of high temperature real 
gas e f f ec t s . 

2.1.1.D High temperature real gas effects 

At very high a l t i tude , where the flow i s completely free molecular and at low altiti ides where 
the air i s continuum, forces acting on a vehicle can be predicted theoretically with a good degree 
of certainty. Betveen these l imi t s , however, the flow i s a complex function of each type and most 
of our understanding has to be gained by experiments in wind tunnels (Ref. 29). Very unfortunately 
in this same area high temperature real gas ef fects complicate the picture considerably. 

A discussion on the problems of aerodynamic testing in this hypervelocity regime where the flow 
velocity i t s e l f and the free stream density are the primary flow parameters can be found in referen
ce 27. Proper scaling i s d i f f i cu l t and often completely impossible t radiative heat transfer for 
instance i s proportional to the nose radius of the vehicle and convootlve heat transfer i s propor
tional to the inverse of the square root of the nose radius. Also non-equilibrium effects may become 
important, especial ly at higher alt itudes t relaxation lengths of the order of several meters may 
occur on a space shuttle (Ref. 40). 
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"he dissociation and Icnisatlon of the air in the stagnation region and elsewhere arotind the ve
hicle could lead to ad-verse e f fects on l i f t , trim and heat transfer. Prediction of these ef fects Is 
s t i l l uncertain ^ they cannot be in-restigated in a wind tunnel of the usual blow down type, for the 
-very process of expansion through a nozzle from stagnation conditions representati-ve of high a l t i 
tude re-entry causes thermodynamic non-equilibrium in the nozzle flow which i s not like the flow 
around the vehicle in the real atmosphere. 
An other reason Is the Incompatibility of the scaling laws foroonvective and radlatl-ve heat trans
fer and for non-equilibrium chemistry (binary and tertiary co l l i s ions of recombining molecules for 
Instance) (Ref. 27). 

What can be done in this area experimentally i s providing data for theoretical predictions suoh 
as chemical reaction rates and radiative heat transfer data obtained from f a c i l i t i e s like shook tu-
"bes, expansion tubes and plasma f a c i l i t i e s , eventually boosted by a magneto hydrodynamic device and 
the development of high performance faci l i - t ies where flow non-equilibrium i s largely avoided (see 
Ref. 41) . 

2.1.2 The hypersonic transport 

In figure 2 the trajectory i s given of a hypersonic transport accelerating at a constant dyna
mic pressure of q - 0,5 atm up to a non-specified cruise Mach number (Ref, 15). The corresponding 
f l ight conditions are plotted in the Mach number-Reynolds number diagram of figure 4. It i s seen 
that the Reynolds numbers based on vehicle length for a given Maoh number, are one to two orders of 
magnitude larger for the HST than for the space shuttle during re-entry. The consequences for the 
aerodynamic parameters to be simulated are discussed below. 

2.1.2.A Hach number 

The Hach number must be duplicated in wind tunnel tes ts to obtain the sams shock shape as in 
real f l i g h t . This requirement should not be violated as was permitted for the high Maoh number tes ts 
for the spaoe shutt le . This may be Illustrated by reminding to the engine intake region vhere the 
position of the shock wa-ves from the external compression surface relatl-ve to the Intake l ip should 
be duplicated acc\irately. 

2.1.2.B Reynolds number 

Prom figure 4 i t follows that a hypersonic transport designed for a cruise Hach number of 6 to 
8 (see Ref. 15 for a typical example) v l l l f ly at Reynolds numbers v e i l above 1o8, based on the to
tal vehicle length. Although the significance of the transition data obtained in vind tunnels for 
the fu l l seals vehicle i s s t i l l not dsf in i te ly sett led (Ref. 30), the Reynolds numbers at vhich the 
HST v i l l operate are so large that the boundary layer on the vehicle v i l l be almost completely tur
bulent. 

In reference 42 shook tunnel measurements are desori"bed on a HST—model over a Reynolds number 
range from about 0.5 million to 160 mill ion. It i s found that transitional boundeiry layer ef fects 
on the axial force ooeffioient begin to emerge at He of about 2 mil l ion. These ef fects predominate 
for about a decade in Reynolds number until the tur- bulent boundary layer exerts the major inf lu
ence at Reynolils numbers of about 20 mill ion, 

From th i s figure i t i s concluded that a Reynolds number of about Re.̂  - 20 million i s a minimin 
requirement for wind tunnel tes ts for the development of hypersonic transport aircraft vhere 
absolu-te performanoe data should be obtained. Reliable extrapolation to the much higher fu l l scale 
Reynolds numbers seems feasable in that case (Ref. 42) . 

The value Re. - 20 million i s in fact s t i l l open to discussion. A value of 50 million as vas 
presented in the f i r s t provisional version of the present paper i s probably on the safe side but 
a value of 5 million as suggested in reference 29 i s apparently too low when the drag data of refe
rence 42 are considered. Up to what value of Re, ' test ing i s necessary wi l l also depend on the requi
red accuracy of the data which have to be extrapolated to fu l l scale Rê  values. 

Vhen the model i s tested at Reynolds num"bers below say 20 mil l ion, the transition region moves 
too far downstream. In that oase the transition might be moved upstream again by a r t i f i c i a l tr ips , 
but at hypersonic ve loc i t i e s the trips must be so large that even the flow outside the boundary layer 
i s disturbed, causing an additive interference drag (Ref, 29, 43, 44) . Arti f ic ial boundary layer 
transition i s therefore not an attraoti-vre method at hypersonic speeds. 

For oases where the boundary layer i t s e l f i s an important parameter suoh as for engine intakes 
preceded by a compression ramp and for shockwave-boundary layer interaction as for instance occurs 
near flap hinges, the consequences of testing at lower Reynolds num b̂era than the full scale values 
should bo considered with great oare. The turbulent boundary layer thickness being inversely propor
tional with the one-fifth power of the Reynolds number, testing at Re. - 2 x 10' gives a boundary g 
layer thickness which i s about 60 °/o larger than test ing at the real value of Re . 2 x 10 
at Hach 8. Isolated test ing of partial models in the correct flow environment may yield usable re
sults in these cases. 
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The a-verage vai l temperature/free stream temperature ratio in the wind tunnel wil l have a va
lue of the same order as for the ful l scale vehicle when the tunnel i s operated near i t s condensa
tion limit and the model i s at room temperature (see also 2 .1 ,1 .B) . 

2.1.2,C Lov density and real gas ef fects 

Oily near the leading edges viscous interaction e f fects may occur. Testing at too lov Reynolds 
nunbers may lead to undue oonclusions such as concerning aerodynamic heating. Partial model testing 
may be useful in this area. At speeds up to , say Mach 8 the high temperature real gas e f fec t s nn 
the aerodynamic behaviour are s t i l l small. For refined measurements, however, they may be taken into 
account. 
As an example reference 45 gives for the lower side of a f la t plate flying at 30 km altitude at 
Mach 8 at an angle of incidence of 20° a pressure coefficient whioly^ about 1 percent lower than in 
a wind tunnel where the free stream temperature i s 55°K. I 

High temperature real gas effects are however very important as far as the airbreathing pro
pulsion i s concerned (see section 2 .2) . 

2.1.3 Conclusions for aerodynamic test ing 

For space shuttle type of vehicles the following i s concluded for the flow parameters to be 
simulated for wind tunnel test ing. 

The Mach number should be duplicated up to about 15 to 20. Above this Maoh number the viscous 
parameter U/ yj^e i s of primary importance for the aerodynamic beha-viour, when M/ y/Re > 0 .01. When 
M/ ^^e i s smaller than this value, the flow behaves as a continuum and for the space shuttle this 
coincides approximately with the onset of boundary layer transit ion. Interpretation of wind tunnel 
transition data for fu l l scale f l ight behaviour s t i l l being in discussion, the best to do i s testing 
at duplicating Mach number and Reynolds number when M/ vARe < 0.01. This also gives the correct 
boundary layer thickness. 

T / A model temperature equal to room temperature wil l provide a reasonable v/T^ value in many 
cases. In practice, however T i s non-uniform. 

High temperature real gas effects such as occur during a great part of the re-entry may be 
studied experimentally by partial simulation only. 

For hypersonic transports development testing in wind tunnels the following oonclusions are 
made. 

Mach number duplication i s essential to duplicate the shock shape. The boundary layer being 
predominantly turbulent, in many cases wind tunnel test ing at Reynolds numbers above, say 20 mil
lion allows probably good prediction of the vehicle performance by a correction of the skin frict ion 
to the ful l scale Reynolds number value. 

For cases where the boundary layer i t s e l f i s an important parameter such as for engine intakes 
and Shockwave-boundary layer interaction, Reynolds number duplication and/or partial model testing 
wil l be necessary. 

T A model temperature equal to room temperature wil l provide a reasonable V/T̂ Ĵ , --value in many 
cases. High temperature real gas effects on the aerodynamic performance are rather small up to say 
Mach 8. 

2.2 Propulsion testing 

Since the ramjet and scramjet do not contain devices to increase the total pressure of the 
internal flow (turbomaohinery), the engine flow simulation at hypersonic airplane models is in prin
ciple easier to achieve than at the lower speed regimes. If the internal flow is not hsatsd, either 
in a subsonic or supersonic stream, the nozzle total pressure will not be matched with the scaled 
nozzle geometry and the stream tube leaving the nozzle will be too small. Hsnce, ths interference 
with the outer flow is wrongly matched. Two methods are available to obtain the slwilated nozzle 
flow field and pressure distribution, namely by adding largo quantities of additional gas such that 
A \/~N is simulated for the nozzle, or burning a fuel within the internal flov. In the latter oase 
it is required to use air as the tunnel fluid and the total temperature of the air should be dupli
cated if the same fuel is used as for the full scale flight. In that case the scaling lav for the 
burning rate process is approximately equal to the scaling lav for ths Reynolds numbsr (p.I - con
stant). The high total temperature required for duplication however, is in conflict vith the lowest 
possi"ble stagnation temperature for maximal Reynolds number and wall-free stream temperature ratio. 
Until recently few tests have been performed on HST models vith simulation of the engine flov (Ref. 
24 and 25). 

In a scramjet the heat release within the supersonic flov is sitbsr of a 2-dlmensional or 
3-diiiensional nature. As yet a good understanding of heat release in multidimensional supersonic 
flows has not been attained. A very strong unknown interplay exists betveen the chemical kinetics, 
mixing, fuel jet penetration, shock waves and duct area. Local heat release in supersonio flow will 
oause thermal compression, however shock waves should be avoided. In supersonic oombustlon tests 
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the entrance Mach number, pressure level, temperature and chemical composition are of jrinary im
portance. For propulsion testing the total engine mass flow and flow duration gl"ve additional ra— 
quirements to the test facilities. 

Figure 5 gives in the flight Mach number-altitude plot the required stagnation "taapanttor**, 
pressure and mass flow per unit capture area of the inlet for complo'te environment duplioatioa. P»r 
large hypersonic Maoh numbers these conditions are hard to achieve in the laboratory mm is alao tk* 
case for hypersonic wind tunnels. Therefore in the next discussion emphasis will be fooraesed SB t]M 
parameters which are of primary importance for engine and combustion tests. 

2.2.A Mach number in the combustor 

It is evident that Mach number duplication in the combustor is essential due to the strong 
interaction between the flow field (compression) and local heat release. In the following it vlll 
be alwayL' assumed that the Maoh number is duplicated. 

2.2.B Temperature 

For low static temi)erature at the supersonic oombustor entrance the overall reaction rate will 
be limited by the ohemical kinetics, whereas at sufficient high static temperature the turbulent 
mixing between the fuol and air will be the rate limiting factor. Hence static temperature duplica
tion in the combustor is of primary importance at low hypersonic Mach numbers, since if the flow is 
decelerated from hypersonic speed to supersonic speed in the combustor, the static temperature vlll 
be between the ambient static temperature and stagnation temperature depending upon the Maoh number 
ratio. For various performance reasons, a rough rule of thumb is that the oombustor entrjuioe_tl8tBh 
number i5_about (yie^hljrd_of_-the flight Maoh number (Ref. 23). Figure 6 gives the typical static 
temperatures versus Mach number for the NASA Hypersonic Research Engine (HHE) burning hydrogen 
(Ref. 46). Figure 7 shows the importance of the initial temperature for hydrogen as fuel. Since hy
drogen is the most probable fuel for scramjets for performance and cooling reasons, the oombustor 
entrance static temperature should be above about 1000°K. Over about 1500 K mixing will be the do
minant factor. Those conditions occur at M > 10 to 11. This means that for supersonic combustion 
tests the stagnation temperature should be duplicated up to M = 10 k 12, hence T . 4000°K to 5000°K. 
Other fuels might also be used such as the meta^ized fuels (for example Trime- tylaluminlun, 
TriSthylaluminium, Trimethylborane) or hydrocarbons (Ref. 23). The first group vlll yield sponta
neous ignition even at atmospheric temperatiires, whereas the latter group vill also need preheated 
air for fast ignition. 

2.2.C Pressure 

The static pressvire level in the supersonic combustion chamber depends primarily on the flight 
altitude, the inlet process efficionoy (iC) and inlet Maoh number ratio. The actual value vill be 
at about 1 kg/cra2 (say 1/5 to 5 kg/om^). Figure 8 gives some typical inlet values as will bo en
countered in flight, respectively total pressure ratio, and static pressure levels (Ref. 48). 
Particularly in this pressure regime and for temperatures between 1000 and 1500°K the ignition delay 
time for hydrogen is a strong irregular function of the pressure, making use of appropriate scaling 
laws for pressure unsuitable (Pig. 9). Por higher temperatures the induction time is inversely pro
portional to the pressure level ( T 4. p - f ( T ) , 

Once the chemical reaction Is started the charaoteristio reaction time for hydrogen is propor

tional to p~ ' . Por hydrocarbon the reaction time is proportional to p ' (sometimes also taken 

as p~ ). (See also Ref. 49). 

Therefore for good understanding of the combustor phenomena the pressure level should be dupli
cated as well as the geo"iiietry. Scaling laws can only be used if the overall chemical kinetics beha
viour can be described by simple rules and if variable induction times do not exist. 

Idpa'ly the hypersonic, engine (scramjet) should be placed in the freejet of a hypersonic faci
lity, duplicating the stagnation condition (temperature and pressure) and ft-ee stream Mach number in 
which the complete system can be tested (inlet, combustor and nozzle). This may be difficult to 
achieve in a hypersonic wind tunnel due to the high required stagnation levels, particularly if the 
duplicated Hach number approaches the value 8 (see section 3.2). 

One means of omitting the high stagnation pressure level is to utilize a direct connection set
up at which the flow is expanded only to the required supersonio speed in the combustor (See fig. 1C 
of ONERA from Ref. 50). This will reduce the required tunnel reservoir pressure by the ratio as in
dicated in figure 8 (typically a factor 2 to 5, depending inlet geometry). The inlet performance and 
combustor extrance flow field can be determined in separate wind tunnel tests at the full scale Rey
nolds number (but reduced temperature) at the representative relative boundary layers thickness. 
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?,2,D, f.!as8 flow 

The required nass flow for propulsion testing depends primarily on the required net thrust to 
overcome drag, to accelerate and to clirrb. The first term is of primary importance and depends on 
the flight I/D ratio of the vehicle. For a cruise vehicle this value will be between 4 and 6, For 
a hypothetical 200 ton HST with four engines the net thrust should be over 10 tons. Flying for 
example at K = 7 where the thrust coefficient is about C™ - 0,6^ 

F 

(S ,_JN ) 
a A . ' capture 

for a hydrogen fueled engine, the required mass flow per engine is about 200 kg/sec. This value in
creases for other fuels. Typically, using kerosine the required mass flow will roughly double the 
value using H at M t= 7. It can be computed that the HRE of NASA-Lewis consumes about 5 kg air per 
second at M = 7 and 100 000 ft altitude. 

A mass flow rate of 200 kg/sec requires a combustor entrance of 0.4 m at entrance . 2.3. 
These conditions are rather typical for medium size unheated supersonic wind tunnels, but are ex
haustive for hypersonic wind tunnels, which are necessarily fitted with a heating system. Only the 
Tripltee tunnels at NASA Langloy and at AEDC (under design) fulfil these conditions up to M * 7 
(Ref. 51 and 52'». 

2.3. Hardware testing 

2.3.A. Ablation testing 

For the structure of hypersonic vehicles one of the most significant paramters is the aerody
namic heat load to which it will be subjeoted. The magnitude of the heat load and the exposure time 
are rather different for the space shuttle and for the h7^personlc transport and hence the structural 
concepts which deal with these heat loads. The feasibility of these concepts will have to be veri
fied by hardware testing under simulated flight conditions. 

For the spaoe shuttle the heat transfer rates are one order of magnitude larger than for the 
HST (Hef. 53), but the total heat transferred to the vehicle (per unit wetted surface and per flight 
cycle) will be much smaller than for the HST. 

For the space shuttle a passive heat protection system has been considered for early versions 
consisting of ablative material on an aluminium substructure, which requires refurbishment after 
each flight (Ref. 8). At the moment of writing this paper, three different insulation systems are 
foreseent a low-weight elastromer on the upper surface (up to 340°C), a nev ceramic material on the 
lover surface (up to 1370°c) and a nev oxidation-inhibited, reinforced carbon material for the ving 
leading edges and the nose cap where temperatures up to 1650°C are anticipated (Ref. 54). 

A discussion on the testing of ablative materials which is also useful to understand the pro
blems of testing of non-ablative protective coatings can be found in reference 55» 

For ablation studies near the nose region of a re-entry body the major requirement is to simu
late the stagnation enthalpy and the pilot pressure on the model (Ref. 27). For the shuttle lower 
re-entry trajectory of figure 2 the following conditona are found at the vehicle stagnation point 
(equilibrium flow assumed) (Ref. 56). 

Altitude H (kft) 

Velocity u (kft/sec) 

Stagn.enthalpy ''S/R (°K) 

Pitot pressure p (atm) 

• x/? ( BTU- in ) qV n *• — r ' 
ft'-sec 

q is the convoctive heat transfer rate at the stagnation point and r is the nose radius in inches. 
For nose radii up to 1 foot the radiative heat transfer is more than one order of magnitude less 
than the oon-veotive heat transfer (Ref, 57). 

It is found that the required values of stagnation enthalpy can be generated in arc heater fa
cilities but for h /_ . 5 o„ the reservoir pressure should not exceed 5 atm (Ref, 58, state of 

the art I96I). The total pressure in a wind tunnel, required for flow duplication, is however of 
the order of I0' to 10 atm. 

The solution is to duplicate the stagnation enthalpy and to test the model at fairly low Mach 
numbers, typically Mach 2-5 (Ref, 27, 55). 

2.3.B Structure testing 

For the hypersonic transport a rather simple passive thermal protection system as for the spa
ce shuttle will not be employed, but the walls are to be cooled by the hydrogen fuel. This cooling 
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may be accomplished directly, using wall materials with good thermal conduoticity, or indirectly by 
blowing pre-cooled sheets of air over the outer wall surface i.e. by slot cooling (Ref. 53). These 
active cooling systems are much more -vulnerable to failures and extensive testing will be neceesary 
on reliability, thermal fatigue, effect of transients, etc. The same arguments are valid for the 
testing of the HST propulsion system. A discussion on the development and hardware testing of air-
breathing engines for large hypersonic vehicles can be found in reference 5"! • 

The fscility requirements for development testing of full or large-scale airbreathing propul
sion systems and associated airframe can be appreciated by considering the requirements as described 
in section 2.2. The same requirements for complete flow duplication (p , T , M) are valid, and re
sult in the use of large tripltee tunnels. The required running time of these tunnels will largely 
influence the design of the tunnel heating systems. It is generally agreed that a least a few minu
tes rxmning time is required, however, aeropropulsion people quote figures as high as 15 minutes. 

It should bo noted that suoh a large facility allows also Maoh number-Reynolds number duplica
tion of the HST up to Mach 7 when the tunnel is operated at equilibrium condensation condition (see 
fig. 11), p L being of the order of 750 atm.m, 

3 PRACTICAL AND PRINCIPAL LIMITATIONS FOR GROUND TEST FACILITIES 

3.1 Hypersonic wind tunnels for aerodynamic testing 

Pnr the bulk of aerodyna-ic tests at hypersonic speeds in ground test faci"'ities the primary 
ai:!i is to duplicate the Mach number and the Reynolds number of the full scale flight condition (see 
section 2.1). In order to achieve this with the least amount of energy the txinnel is operated at the 
lowest possible te-^perature. This temperature follows from the requirement that the static tempera
ture in the test section flow should not be below the condensation temperature (Ref. 35). In figure 
11, which will be discussed later, the stagnation temperatures, necessary to avoid equilibrium con
densation are indicated as a function of Mach number and stagnation pressure for a perfect gas. For 
a real gas the minimum stagnation temperatures are lower than indicated in figure 11 (dashed lines). 

Calculations for a real gas (with Refs. 35, 45 and 59) show that at Mach 18 at minimum stagna
tion temperature the degree of dissociation of the gas in the stagnation region of a blunt body model 
in the test section is about 1 °/o for stagnation pressures between 10 and 1000 atm. It is concluded 
that in a wind tunnel operated at minimum stagnation temperature, high temperature real gas effects 
are restricted to molecular vibration only, when the test section Mach number is below Mach 18. The 
discussion on aerodynamic facilities in this section 3.1 will be confined to facilities operating 
under conditions where riolecular vibration is the only_high_J;e,!Bpsi'atura..xsaJ,_gava_a£fsct to be taken 
into account. Its effect" may, however", s-t'ill be considerablei the pitot pressure may be 65 °/o of 
the ideal gas value for instance (Ref. 45, fig. 20). 

Methods to correct the wind tunnel data for the full scale vehicle real gas effects such as 
dissociation and ionization will not be discussed here. They may be provided by theoretical analyses 
supported by experimental data of a more fimdamental character such as radiative heat transfer mea
surements and chemical reaction rate data and partial flow simulation. 

The "pure" aerodynamic phenomena are duplicated when the Maoh number and Reynolds number around 
the vehicle are duplicated and the correct wall temperature-free stream temperature ratio T /_ 

*/'oc 
exists. For practical reasons the non-uniform wall temperature distribution along the full scale ve
hicle is often approximated by a uniform wall temperature of the wind tunnel model (room temperature) 
Non-uniform increase of the wall temperature during wind tunnel tests should not be overlooked. At 
flight conditions where M / ^ R O is larger than about 0.01, i.e. during high altitude re-entry, the 
parameter M/ V/RO should be duplicated, rather than M and Re separately. 

In order to find the stagnation pressures needed to generate the necessary Reynolds nunbers, 
indicated in figure 4, calculations have been performed for a wind tunnel model with a standard 
length of 1 meter, operated at the equilibrium condensation temperature for air (Ref. 35). This will 
give the highest Reynolds number for a give stagnation pressure and Mach number. No real gas effects 
have been taken into account. The results have "been plotted in figure 11. 

Real gas effects however, may have considerable influence as is indicated in the example below, 
calculated with aid of reference 59. 

r e a l gas 

P T *̂ o 0 

atn °K 

468 1500 

1072 1500 

2308 1500 

4920 1 '-lO-i 

Re/m a t M 
cond. 

-1 
m -

2 .2 T 10* 12 .77 

6 .5 X 10* 12.56 

18.7 X 1"* 12 .48 

SO.7 X 10* 1 5 . 8 P 

e q u i v a l e n t p e r f e c t 
gas 

P T 
*̂ 0 0 

atm o„ 

379 1671 

1085 1736 

3241 1846 

10960 2n34 

The real gas effects are in fact twofold, namely high pressure effects (van der Vaals effects) 
and high temperature effects. For given free stream conditions at hypersoni-: Maoh numbers the 
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stagnation temperature is lower than according to the perfect gas calculations and the stagnation 
pressure can be either higher or lower, 

In reference 60 the combination of both effects has been considered and is presented in graphi
cal form, two figures being reproduced as figures 12a and 12b of the present paper, valid for nitro
gen, which closely resenbles air. These graphs can be used in combination with figure 11, which is 
valid for 2 perfect gas, to calculate the real required tunnel staf^nation conditions. 

As was already pointed out, above "/ yJ~'Re = C,^1 the viscous interaction paramter M / y/Re 
should be duplicated rather than Mach nu-nber and Reynolds number. Prom figure 11 it follows that 
this procedure allows testing at lower stagnation temperatures and pressures than if Re and V. both 
had to be duplicated along the complete re-entry trajectory of a stsace shuttle. This is a very im
portant consideration fron a facility engineering point of view, 

It can be discussed whether !!-Re duplication for the lower shuttle re-entry trajectory should 
be pursued up to Mach 19 where M / y/~ke = 0,01, because of the necessary high values for p L and T 
(facility engineering and high-temperature real gas effects). For a model length L = 1 meter 
figures 11 and 12 give as required real gas stagnation conditonn about p = 2600 atm and T 
2900OK at the point considered. ° ° 

A minimun tunnel requirement may be that M-Re duplication must be possible up to such a value 
that interpolation to the M/ ̂ Re > 0,01 data is possible with acceptable and reasonable accuracy. 
This value may be different for tests where for instance b'.undary_ layer transition is important 
(heat transfer for example) or for force tests where M and M / ^/''Re are more important. In the fol
lowing sections the practical and principal limitations will be discussed, which are important for 
validation of the performance of hypersonic facilities for aerodynamic testing. 

3#1.A Stresses in the sting support 

Due to the aerodynamic forces stresses will develop in the model and the sting which supports 
it. For a given model and sting support these stresses are a function of the angle of incidence 
and the dynamic pressure only and a weak function of the flow Mach number. 
The stress in the sting with diameter d at the model base is calculated for a static load assuming 
that the normal force N (perpendicular to the model axis) acts on a point at a distance 2/3 L 
from the nose. 

For the space shuttle a minimum sting diameter s = 0,1 L may be employed (about equal to the 
base diameter of the vehicle) and for the HST a value d = 0,04 L is a realistic value(Ref, 61). 
The bending stresses due to aerodynamic forces in the sting are then calculated from the moment 

M . (1 . |)ui = 11^ Ĉ q. J 

where L is the model length, S the reference area for the normal force coefficient C„ and q is the 
dynamic pressure. For a solid circular sting follows 

"=3.3(^)^-1 Ĉ q 
s L ^ 

A value f = 5^00 kg/cm at nominal static aerodynamic load is considered as the structural 
limiti starting and stopping loads and a safety factor are not included. Also the strength of the 
model itself and the allowable elastic deformation of model and support are not considered. 

'/Hien a maximum normal force coefficient N is assumed for the space shuttle N « 1.5 (see 
chapter 1.2), which is the modified Newtonion pressure coefficient for an angle of incidence of 
65 degrees, and for the HST a maximum C„ » 0.25 corresponding with an angle of attack of 16° for a 

typical configuration at Mach 6 (Ref. 62) the following maximum dynamic pressures Tn are calculated 
for a stress in the sting a = 5000 kg/cm^ from 

N 

This gives a maximum dynamic pressure Tn = 1.5 kg/era for the space shut t le and TH = 2.2 kg/cm for 
the H3T. This may l imit the performance for f a c i l i t i e s with high stagnation pressure capab i l i t i e s 
a t low hypersonic Maoh numbers. 

For instance a t Mach 8 a maximum stagnation pressure of 325 atm i s allowed for space shut t le 
t e s t ing i f q i s limited to 1.5 kg/om'̂  and to 48O atm for HST-testing a t C, = 0.25. In reference 42, 
however, a HST-model has been tested at a stagnation pressure of 1300 atm. In that case how
ever C„ was about O.O85 and the sting diameter d was about 0.05 L . This will give a s t r e s s in the 

? ° *" 2 d L 
s t ing of 2400 kg/cm which i s well below the l imit set a t 50^0 kg/cm . For s - 0.04 m the s t r e s s 
would have been 46OO kg/cm , which indica tes that the l imi t s for Tn of 1.5 kg/om for the space 
shutt le and 2.2 kg/cm^ for the HST are not exact boundaries. I t will be largely dependent on model-
s t ing geometry and safety factor which has to include s t a r t i n g and stopping loads which are a lso 
f a c i l i t y dependent and the maximum '* at which the IKIT i s to be tes ted . 
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An otier criterion may be derived from the assumption that the space shuttle model should be 
tested at alues of dj-namic pressure and angle of incidence where the normal force is four times the 
weight of he vehicle along the full scale trajectory (3-g is maximum design acceleration) and for 
the HST a normal force of two times the weight of the vehicle is attained, corresponding with a 2-g 
turn. 

For 3 full-scale model and flow duplication the stresses in the sting would then be calculated 
from 

"f - ̂ •3(f)' -I S -If 
s L 

where N.'V = ÏÏ = 800 kg/m^ for the space shuttle and '̂N °-f = 's = 500 kg/m^ for the HST. However, 
due to the fact that the tunnel can operate at a much lower temperature, the Reynolds number can be 
increased by a factor of about 4 (was 3 in the draft version of the present paper) when M-Re dupli
cation is employed at tunnel equilibrium condensation conditions instead of flow duplication. 

Introducing a scale factor B = 'f/L , the ratio between the full scale length and the model 
length, one finds for M-Re duplication of the N = 4W and N = 2W conditions that "m/B » f "f =. 

22 kg/on for the spaoe shuttle and 111 kg/om for the HST ( (J is proportional with q or p ). 

For a maximum stress o = 50OO kg/cm the maximum scale factor B or minimum model length m is 
found as 

Space shuttle B = 228 L = O.I5 m 
max m . 

min 

Hypersonic transport " 45 " 1.70 m 

"ifhen ROL = 2 X 1 0 is required and not full scale He^ duplication then the model size can be decrea
sed proportionally, keeping the stagnation conditions constant. 

Both sting load criteria can be worked out and the results are found in figure 13. The '̂0 -
constant curves for M-Re simulation were calculated from figure 11. The sting load limits are indi
cated in figure 13 as C - 1.5 (0.25), which is equivalent with q^ - 1.5 (2.2) kg/om^ and as N > 4» 
(2tf) -valid for the space shuttle (HST). 

Although these sting load criteria are not to be used as exact figures it follows from figure 13 
that both criteria indicate approximately the same minimum model size (within a factor 2) and that 
the minimum model size for M-Re duplication of the HST ds one order of magnitude larger than for 
M-Re duplication of the space shuttle and testing of a HST-model at Re. = 2 x 10'. 

3.1.B Maximum stagnation pressure 

In figure 11 the stagnation pressures are presented which generate the required Reynolds num
bers over a model with a standard length of 1 meter. The wind tunnel is operated at the equilibrium 
condensation limit. The curves are valid for a perfect gas. 

The results of figure 4 and 11 are used to calculate the required model length L for M-Re du
plication for various stagnation pressures. The results are plotted in figure 13. Also the minimum 
model lengths as determined by the tolerable sting loads as was calculated in section 3.LA are indi
cated. 

Prom a practical point of view a value of 5000 atm should be considered as an upper limit for 
the stagnation pressure p which can be contained in the reservoir of a blow down wind tunneli the 
highest design value of ° present facilities is 60,000 psi or 4200 atm (Ref. 36, 63). This limit 
is also indicated in figure 13. 

For force testing of wind tunnel models with an internal balance, fairly small models can be 
used. In reference 64 for instance force tests are reported on a spaoe shuttle configuration in a 
gun timnol with a length of 0.10 meter. For more detailed measurements, however, such as pressure 
and heat transfer distribution on the model surface, larger models are required. For a well instru
mented model, such as used for development work, a model length of more than 0.3 to 0.5 m seems to 
be a sensible requirement. It also makes aerodynamic loading of the sting and the model less critical. 

K«L = Prom figure 11 it follows that for a HST configuration with a model length L - O.5O m 

2 X 10 can bo obtained up to Mach 8 with a reservoir pressure "0 » 200 atm. Recent HST studies do 
not indicate higher design Mach numbers (see also section 13). 

For M-Re duplication of the space shuttle lower trajectory conditions the requirements are more 
demanding than for a HST model at Mach 8 and Re, » 2 x 1o7 as can be seen from figures 11 and 13. 
This is due to the fact that the Maoh number ' range of interest is much higher than for the HST. 
If for instance M-Re duplication is necessary up to Maoh I5, a stagnation pressure p » 2000 atm is 
required for a model length of 0.50 m. 

It is concluded from figure 13 that stagnation pressures larger than o = 2000 atm and models 
smaller than about L • 0.3 to 0.5 m are not very interesting for development testing of the space 
shuttle or HST- configurations when the "pure" aerodynamic phenomena along the whole trajec
tory should be simulated, including boundary layer transition. 
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Por M-Re duplication of the HST up to Mach 8 only large models with L ~ 2 meter and p ^ 1000 
atm can keep model and sting loads within acceptable values when testing up to C„ » 0.25 
( .1- 1 6 ) Is required. 

3.1.C Facility power 

It is found that already for a small hypersonic wind tunnel for development work vith a test 
section of 0.50 m and a stagnation pressure of 1000 atm operating at the condensation limit, very 
large energies are contained in the flow. For example at Mach 5 the total energy flux trough the 
test section would be about 600 MWatt and at Maoh 10 about 50 MWatt. This lower figure for a higher 
Mach nura"ber is due to the fact that although the velocity is about 50 percent larger, the throat 
aera is only 5 °/o of the value at Mach 5. 
Prom these illustrative figures it is clear that only blow down facilities are to be considered. 
Such a facility is charged between the runs with a limited power (compressors, storage heaters, ca
pacitor bombs). The accumulated energy is released during the running time which is only a small 
fraction of the time interval between the successive runs, 

The released power P can be written as 

1 2 1 2 2 A 
P =. -̂  P uA.u"" = -J- Rê M'̂ a'̂  i« f^ 

For a given Mach number and Reynolds number and a given free stream temperature, which deter
mines the local speed of sound a and viscosity 4i , it is found that the released pover increases 
proportional with a linear dimension of the facility. Prom this point of view a small facility, wor
king at a high stagnation pressure is attractive. Also facility and model costs will be generally 
lover than for large wind tvmnels working at the same Reynolds number. The minimum size will be 
determined by considerations, discussed elsewhere in this chapter 3.L 

3.1.D Throat erosion and cooling 

The feasability of a high pressure facility however, is not only limited by the strength of the 
pressure reservoir but also by the limit of throat melting. This becomes a problem at high Maoh num
bers when high reservoir temperatures are required to avoid condensation of the test gas. 

The heat transfer to the wall of the nozzle throat is hlger than anyvhere in the facility. Its 
value is given as (Ref. 65, p. 192) i 

Q . 0.0014 p*u*C (T^ - T^) 

vhere p and u are the density and flow velocity in the throat. This equation can be vritten to i 

Q - 0.56 p T (1 - '''w) Watt 
° ° T 2 

o cm 

where P is the stagnation pressure in atm and T the stagnation temperature in K, 

For water cooled nozzle throats limits for the tolerable heat load are given in reference 58» 
A practical upper limit is 5 kW/cm^. For a given p this determines the maximum Kach number for con
densation free flow in a facility with a water cooled nozzle. It follows for a wall temperature T =« 
600°K (Ref. 65). * 

I-c 

T„ 

(atm) ; 

(°K) : 

100 

9100 

500 

1225 

1000 

860 

2000 

720 

5000 

645 

When these figures are compared with figure 11, it follows that for a wind tunnel with a water 
cooled nozzle throat only limited possibilities exist when M-Re duplication is to be realized. 

Instead of water cooling also film or transpiration cooling of the nozzle throat may be employ
ed such as in the NASA Ames 3.5 ft tunnel (helium cooling) (no reference known with detailed infor
mation) and the Northrop Maoh 10 hypersonic facility (Ref. 66). I«ss than 10 percent of the tunnel 
weight flow is injected upstream of the throat. For a more analytical approach to the problem, see 
references 67 to 69. o 
Much higher heat flizxes than 5 kW/cm can be tolerated vhen running times are employed wlirh n.^*^ so 
short that the surface temperature rise is acceptable. In reference 41 the heat flux required to 
melt a tungsten throat within 1 millisecond is presented as a function of reservoir rrer.Bur»' -ind 
temperature (melting temperature is 3700°K) and oxygen-free nitrogen must be used as '•• test pn;-; to 
prevent throat erosion. 

The permlssable pressure is inversely proportional with the square root of t.'f r->' • - -
(Ref. 70) and from reference 41, figure 6, the following maximum reservoir Tress-urp. 
for a running time of ICO milllsecondsi 
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It is concluded that throat heating does not limit the M-Re duplication capabilities as requi
red ill figure 11, when the maximum Tach number is limited to Maoh 18 (see section 3.1) and for run
ning times shorter than 100 millisec. For longer running times and other materials the Maoh number 
limit may be lower. ^' 

3.LE Real gas effects 

Almost all hypersonic facilities are based on the blow-down principle where the gas is rapidly 
expanded and accelerated in a converging-diverging nozzle from the stagnation or reservoir condition. 
This may happen so rapidly that the various degrees of freedom cannot accommodate rapidly enough and 
flow non-equilibrium occurs in the nozzle. A certain amount of the available enthalpy "freezes" and 
cannot be transformed into kinetic energy of the test section flow. Non-equilibrium effects make the 
flow diagnosis and definition of the test section flow conditions much more complicated and should 
be avoided, if possible (Ref. 71). 

In reference 41 a value for the entropy /R ^ 32 is selected as the criterion for equilibrium 
flow to be present. Reference 71 prefers S/^ < 31. Reference 59 gives for these entropies (real 
gas effects included) t 1 

-0 = 200 atm 
' 0 

p = 1C00 atm 

•=. o / ^ , 

VR 

VH 

= 31 

32 

= 31 

32 

T 
O 
= 4700°K 

5260°K 

608O°K 

6870°K 

As was pointed out in the general remarks of section 3.' high temperature real gas effects in 
the wind tionnel can be restricted to molecular vibration only, when the test section Maoh number is 
below Mach 18 and the timnel is operated at its equilibrium condensation temperature. 

For tunnels operating at these conditions, comparison of the figures quoted above with figure 
11 would indicate that no-equilibrium nozzle flow is completely avoided. In fact however, reference 
41 sets S/^ = 32 as the boundary for chemical non-equilibrium. Vibrational non-equilibrium however, 
appears ' to be present at much lower entropy values than S/_=31 or 32 as is concluded from the 
data, presented in reference 72. 

Por a throat diameter of C.25 inch => 6.35 ™m and a 5 degree half angle nozzle with a parabolic 
throat contour, which is a realistic case for the present discussion, it was found (Ref. 72) that 
for a stagnation pressure p = 4000 psi ̂  280 atm the frozen enthalpy is about 3.7 °/o of the stag
nation enthalpy for T = ° 2000°K and 4.1 °/o for T = 3000°K . These stagnation conditions cor-

o — „ o 
respond with entropy values /R •= 25.6 and /R = 27.6 respectively. 

It is concluded that vibrational non-equilibrium effects in the nozzle flow as well as around 
the model (Ref. 72) are in many cases not negligible. They can be minimized by a using slender nozz
les. For a fixed value of T and of p 1 and thus also p x throat diameter (if 1, is proportional 

c o m o m '̂  '̂  
to the t e s t section diameter) , the slenderness of the throat and the nozzle i s the only parameter 
that a f fec ts the vibra t ional non-equilibrium phenomena (Ref. 72). 

3 .LF Running time 

Fina l ly , some lower l imi ts for the running time should be considered. 

F i r s t l y , the running time must be long enough to permit steady flow to be established in the 
tes t section and around the model. For f a c i l i t i e s with short running times, say l ess than 100 m i l l i 
seconds, the flow i s s ta r ted impulsively in general by breaking a diaphragm near the nozzle t h roa t . 
The s t a r t i n g process has been described in the l i t e r a t u r e , see for instance references 13 and 14. 

A p r a t i c i a l def in i t ion of the s t a r t time i s the time during which the steady flow through the 
nozzle throat i s not transformed into a steady flow in the t e s t section but i s ra ther passing 
through unsteady expansion waves and/or shock waves which exis t in the nozzle during the s t a r t i ng 
process^ As follows from consideration of the data presented in reference 73 and 74, th is time i s 
found by construct ing the u-a cha rac t e r i s t i c for the s teady-s ta te nozzle flow in a wa-ve diagram 
along the nozzle , the s ingular i ty at the throat being discussed in reference 73 and the pa r t i c l e 
t ra jectory of the steady s ta te flow. The s t a r t i n g time i s then equal to the ordinate in the wave 
diagram (or x - t diagram) in the throat where x = 0, of the pa r t i c l e t ra jec tory which a r r ives at the 
same time in the t e s t section as the u-a c h a r a c t e r i s t i c from the origin of the wave diagram (Ref. 
74). This appl ies for an i n i t i a l pressure below the free stream s t a t i c pressure that will be gene
rated when the tunnel has s t a r t ed . For a conical nozzle with a throat radius r , a nozzle half-angle 
tangent /j and a sound speed a a t reservoir condittons the nozzle s t a r t i n g times t^ have been 
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calculated and also the time t, between the breaking of the throat diaphragm and the establishment 
of steady flow in the test section. 

M 

r^: 
5 

1.35 

10 

2.65 

15 

4.14 

20 

5.85 

S /3 _ ° ; 3.54 13.30 32.10 62.06 
'x 

T Por Instance a Mach 15 conical nozzle vith a half-angle of 5 degrees at c 
exit diameter of 100 cm vould give t - 0.5 mil l isec and t - 3,9 mil l isec (r. . 0.95 cm vith high 
temperatxu* real gas ef fects included). A contoured nozzle, vhich i s about tvlos as long as a coni
cal nozzle vith the same maximum half-angle and exit diame-ter (without boundary layer effects) v i l l 
have starting times vhich are roughly tvo times longer than the -valuss from the table above. 

For the flov establishment around the model s tabi l izat ion of ssparated f lovs i s the governing 
factor. For laminar separated flovs i t has been found that about 30 body lengths of flov vere re
quired for the pressure in the base region of a sphere to stabi l ize (body length equal to sphere 
diameter) and for the heat transfer a factor of tvo longer time vas needed to reach equilibrium. 
Por shock Induced separation the flov establishment times are much shorter for the oases of inte
rest (Ref. 75). On the leevard side of the space shuttle large regions of laminar separated flov 
may occur during re-entry at large angles of incidence. The diameter of the fuselage being of the 
order of 0.15 of the length and assuming that 60 diameters are required for flow establishment (a 
somevhat arbitrary value) the flov establishment time t i s 9 L/U, vhere u i s the free stream velo-
oi ty . For a local sonic speed of 150 m/soo (near condensation) i t i s found that t "60 L/M mi l l i sec , 
vhere L i s the body length in meters. This figure should be considered as an order of magnitude 
and will depend on the body geometry and flow conditions such as Reynolds nxanber e t c . 

For a contoured nozzle with a test section diameter of 1 meter and a maximum vai l angle of 
5 degrees and a model length of 1 motor the fol ioving data on starting times are found 

M 

T 

'•t 
*„ 
h 
\ 
t +t„ 

5 

500 

10,0 

6 . 9 

18.0 

12.0 

18.9 

10 

1000 
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6 . 0 

8.1 

15 

2000 

0.95 
1.0 

7.6 

4 . 0 

5 .0 

°K 
cin 

mil l i sec 
II 

M 

11 

The qugintity s + e i s to be considered as a maximum for the non-useful duration of flov from 
the reservoir. In practice this time will be shorter because t and t wil l partial ly overlap each 
other. 
Shock tunnels are in fact the only f a c i l i t i e s which have been used for configuration testing which 
have running times that are so short that the question of flow establishment time ar i ses . The 
throat size of suoh a fac i l i t y must be compatible with the preceding shock tube diameter. A throat 
diameter of 20 cm as required for a Mach 5 nozzle with an exit diameter of 1 meter i s certainly not 
rea l i s t i c for present or even future high-pressure shock tunnel technology. In fact the nozzle of 
the Cornell shook tunnel which has been used for HST-oonfiguration test ing (Ref. 42) has a 0.61 m 
diameter nozzle when operating between Maoh 5.5 and 8.2 and a 1,22 m nozzle for Mach numbers betveen 
10 and 17. 

The running time i s 2 to 13 milliseconds, the high value being for the lovest stagnation tempe
ratures (Ref. 76). 

The flov establishment times being proportional with the linear dimension of the tunnel and 
the model i t i s concluded from this discussion, that p o s s i b i l i t i e s of shock tunnel test ing of mo
dels vith a length larger than 0.5 meter are marginal at lov hypersonic Mach numbers from conside
rations of the required running time. 

Another minimum test ing time criterion follows from the requirement that force measurements 
on complete vehicle models should be made. The consequences for the required running times are d i s 
cussed In reference 71. I" impulse f a c i l i t i e s such as shook tunnels and hot shot tunnels the force 
data are obtained with acceleration compensated balances. These are designed on the promise that 
the test model being evaluated, vibrates as a rigid body (Ref. 71). Slender bodies and/or large 
models tend to generate vibrations within the model, yielding imperfect inertia compensation. When 
these bending resonance frequencies are high enough, they can be f i l tered out. For shook tunnels 
a minimum frequency of roughly 1000 Hz can be tolerated and this l imits the model scale to some
thing of the order of 45 cm for a model slenderness ratio of 10. For the same model geometry this 
freqx'.enoy i s inversely proportional with the model length. When a balance system, based on the pre
mises mentioned in reference 71 i s employed, f a c i l i t i e s with tes t times of the order of 50 m i l l i 
seconds or more should be used for de-™iopment work where model lengths of more than 0.5 motor are 
tested and shock tunnels fa l l short of this requirement. 
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It should be noted, hovever that at Cornell Aero labs force test ing vas done vith a HST-model 
vith a length of 0.66 motor (Ref. 42). Interference of the vibration modes vith the Inertlal compen
sation may have been avoided in this case by placing several accolAromoters inside the model and 
then excite the model on a shaker to establish the compensation required in analogue circuits (Ref. 
29). 

Free f l ight test ing techniques (Ref. 77 for instance) are probably not attractive for the de
velopment test ing described in this paper because of the re lat ively large aerodynamic loade and the 
required Integrity of the l ight weight model during f l ight and of the f a c i l i t y after Impact of the 
model. Also the cost of complicated throw-avay models should be considered. 

In summary i t i s concluded that the naming times of present shock tunnels vhich are of the 
order of 10 milliseconds are marginal for de-relopment testing of models longer than, say 0.5 meter 
but testing i s not impossible. Test times of the order of 50 milliseconds require much less atten
tion as far as flow starting times and inertia compensation for force measurements i s concerned. 
Also the f eas ib i l i ty of probe traverses (Ref. 78), soannivalves (Ref. 79) and variation of the 
angle of incidence during the run (Ref. 43) i s greatly increased, which v i l l increase the eff iciency 
of each run. Also dynamic testing i s faci l i tated when the rxmning time i s 50 milliseconds or more. 

3.1.G Conclusions 

The practical and principal limitations of hypersonic wind tunnel f a c i l i t i e s for Maoh num'ber-
Reynolds number duplication can be summarized as follows. 

1. Acceptable sting loads require for M-Re duplication of hypersonic transport aircraft mo
dels with a length of the order of 2 meters. For testing up to Mach 8 reservoir pressures 
of the order of 1000 atm are then required. Whether the construction and use of minh « 
f a c i l i t y i s just i f ied i s open to discussion 

2, For the case of M-Re duplication of a space shuttle and for boundary layer transition c l o 
se to the leading edges of a hypersonio transport (Re. - 2 x 1c7) f lying not faster than 
Mach 10 the requirements of tunnel size/stagnation pressure are largely overlapping (Pig. 
13). If one f a c i l i t y should do both jobs the design should , l ie within the following llmitst 

a. Mode] length m > 0.3 to 0.5 m to prevent excessive sting loads and to allov ample 
instrumentation 

b. Stagnation pressure *̂ o < 5000 atm from structural considerations for the tunnel 

c. Stagnation pressures o m > 500 atm.m (better i s o m ^ 1000 atm.m) In order to du
pl icate the Reynolds number up to large enough Maoh numbers 

d. Up to Mach 18 at equilibrium condensation conditions high temperature real gas ef fects 
are restricted to vibrational excitation of the molecules only, and up to that Hach 
number the required Reynolds number can be generated vithout severe throat erosion pro
blems for running times shorter than 100 milliseconds for a tungsten throat and oxygen-
free nitrogen as test gas 

e . Running times of l e ss than 10 milliseconds are marginal for development test ing cm 
models longer than 0,5 m from the point of viev of flow establishment times. A running 
tine of more than 50 milliseconds offers more f l e x i b i l i t y in this respect and in nea— 
surenent techniques. 

3.2 R i c i l i t l e s for combustion and propulsion t ss t ing (including hardware t e s t ing ) . 

Many of the arguments which are discussed in section 3.1 hold also for the f a c i l i t i e s for 
scramjet combustion and propulsion t e s t s . These f a c i l i t i e s must generate the correct en-vlronnent 
in the supersonic combustion chamber with regard to Hach number, pressure and temperature. Por a 
given fl ight Mach number simulation, these f a c i l i t i e s v l l l run at higher stagnation temperatures 
and lover stagnation presstires than wind tunnels, which makes that no direct l imitations ex is t 
with respeot to stress le-vels, either in the tunnel reservoir or in the oombustor nodel. Linltatlons 
v i l l shov up v i th respect to tunnel pover and heating system, throat cooling and erosion, running 
tins and the composition of the a i r . 

3.2.A Facility pover and air heating 

For mass f lovs of the order of 200 kg/ssc as quoted in section 2.2 a power i s rsqulred of the 
order of 10 3 MVfatts during the run. This pover i s equal to a large pover station and hence prohi
bitive in many cirotunstanoes. Therefore short running f a o l l i t i s s vith accumulation snsrgy storage 
are developed. The compression heating systems (shook tunnsls and gun tunnels) are the cheapest 
f a o i l i t i e s in th i s respect. The shock tunnsl might gl-ve too short running times ( < 10 msec), but 
gives almost unlimited stagnation temperature duplication (Ref, 48) . 
Calculations shov that a gun tunnel with preheated barrel may generate about 3000 K during 50 msec, 
with mass flovs In the 10-50 kg per second range. Also hot shots (arc heating) shov this performan
ce (Ref. 48) . In the gun tunnel the temperature drop due to cooling may be compensated by Increasing 
stagnation pressure during the rwn (see Ref. 78 for a pressure record)] in the hot shot this cooling 
effect i s much more troublesome (see also 3.2,C). 
Regeneration heating systems (suoh as the pebble bed) are limited by the maximal solid material 
tenporatures attainable, typloally less than 2500°K. The running times may be however several 
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seconds to a minute or longer and therefore show good promise for hardware testing (see also 2.3), 

An attractive means to increase the stagnation temperature of the supersonic burning test fa
cility is to burn upstream of the nozzle a hydro-carbon, hydrogen or nitrogen containing fuel (NH, 
N^H ) and add additional oxygen (Ref, 80, 81). The air is then called vitiated air. The attainable 

temperature in combination with the regenerattre heating system might be in the 3000°K range. 

The only means to obtain higher temperatures for long periods of time, i 10 sec, is to use 
arc heating. However continuous arc heating is limited to only moderate pressures (a few hundred 
atm) (Ref. 55), decreasing with increasing temperatures and hence flight Maoh number, conflicting 
with the requirement that the tunnel stagnation pressure must increase with Maoh nxunbor to allow 
flow duplication. The flight altitude for which arc heater facilities can provide flow duplication 
above say Mach 8 to 10 is therefore too far above the HST real flight altitude to allow realistic 
hardware testing in free jet test sections of the blow down type. However, continuous arc faoili
ties are very useful for ablation testing, since pitot pressure and wall static pressure duplica
tion is required rather them Mach number. 

3.2.B Throat cooling 

The heat transfer equation of section 3.1.0 Is used to compute the temperature-pressure limi
tation of continuous propulsion and hardware tost facilities. This line is represented in figure 5 
(upper boundary). If the connected pipe supersonio oombustlon testing method is used (Pig. 10) the 
lower line in figure 5 is obtained taking into accoimt the total pressure recovery of figure 8. 
These lines probably vill coincide with the arc heating capacillties of the former section. Hence 
it oan be concluded that for hardvare testing (long run times) the laboratory facilities are limi
ted to approximately free flight Hach numbers of 8 for free jet facilities, and to H ~ 10 for con
nected pipe testing for a q = 0.5 kg/om^ flight condition (Pig. 2). 

3.2.C Plow dviration 

The least required flow duration is of primary consideration for facility type, heating system 
dosing and throat cooling requirements. Two kinds of tests can be distinguished, namelyi first, 
fundamental flow field and combustion tests and second, hardvare tests. The first kind can "be per
formed in short duration facilities in vhich the certainty of flow establishment is the main crite
rion apart from data collection time considerations. Reference 48 reveals that a fev milliseconds 
seem to be sufficient, though reference 49 indicates that tests in a hot shot tunnel, having a 200 
msec rimtime, yields difficulties interpreting the results, mainly due to temperature variation. 
Test times of at least 10 msec seem preferable. Hardvare tests should be of representative duration 
hence of the order of ssvsral minutes (see also section 2,3). 

3.2.1) Air contEunination \ 

Prom power requirements point of view the vitiated air system is very attractive, since direct 
heating occurs by burning. Hovever, almost all fuels for the vitiation systsm contain hydrogen, 
sothat free radicals such as OH vlll be present at the entrance of the oombustor. These free radi
cals vill substantially shorten the ignition delay times in the combustor, and hence vlll yield un
representative results. Furthermore the thrust as produosd by the nozzle vlll be typclally 10°/o 
less than for clean heated air (Ref. 80). Hany facilities use the vitiated cycle as a topping cycle 
for regenerative heated air (Ref. 81). Caution must be exercised to translate results from vitiated 
facilities to flight conditions. For duration tests and mixing tests vitiated air systems vill "be 
useful. 

3.2.E Conclusions 

For long duration combustion and propulsion tests ( > 1 sec) complete scramjet performanoe as
sessment is limited to M == 8, due to throat cooling capabilities. The same is true for structural 
testing in the real flov environment. For combustor and nozzle tests the flight Mach number dupli
cation is limited to about 10 in the laboratory. For higher Maoh number free flight testing is the 
only means. For scramjet hardware test a vitiated air system gives an economical solution with res
pect to power requirements. 
For supersonic combustion and aerodynamic performance tests of scramjets short duration facilitlss 
can be used with sufficient rxmning time. ï^oillties with a combination of preheating and compres
sion heating such as gun tunnels with preheated barrel or tunnels such as the ONERA R4Ch will pro
bably show good prospects. Also shock tunnels such as Sheffield University are very useful though 
the latter might "be short of flow duration. For ablation studies continuous arc heaters are the best 
choice. 

4 REMARKS ON EUROPEAM FACILITIES FOR HTPERSONIC TESTING 

This section will present a brief evaluation of the performance of the major hypersonio facili
ties in Europe. In those facilities as well as in the smaller facilities which are located mainly 
at colleges and universities much work has been done of a more fundamental or exploratory character, 

i 
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as was -nentioned in section 1.1 (see also Ref. 5» 6 and 7 ) . In th i s sec t ion, however, the usefulness 
of t"ne available -najor f a c i l i t i e s will be considered against the background of the requirements for 
tes t ing re la ted to the development of the space shut t le and the hypersonic t ranspor t as described 
in the previous sec t ions . 

4.1 Aerodynamic t e s t ing 

In reference 7 information i s presented on a l l hypei-scnlo f a c i l i t i e s ex i s t ing in Europe. Their 
usefxilness for development t e s t i ng a t high enough Reynolds numbers as described in the preceding 
chapters can be appreciated i f the i r maximum p L performance (stagnation pressure x model length) 
i s plotted as a f-unction of tne Mach number a t which the f a c i l i t y can be operated. Figure 11 
where the required p L values are plotted i s then the background against which the a-vailable p L 

v . A j O m o o ' ^ o m can be projected. 

During re -en t ry the space shut t le wil l f ly at angles of a t tack of 25 to 60°. In order to 
avoid blockage of the wind tunnel flow, the model length L should not exceed half the core diame
t e r (Ref. 29) . For the present evaluation L = 0.5 D I s assumed for the space shut t le with D 

m m '̂  m 
equal to the nominal t e s t section diameter, which i s l i s t ed in reference 7. 

For the HST which i s much more slender than the space shut t le and which i s tes ted only a t small 
angles of a t tack up to say 10° or 15° (Ref. 42, 62) the model length L oan be much larger without 
blockage. For the present case L = D i s assumed for the HST. 

^ m m 
In reference 7 only the maximum stagnation pressure '̂ o of each f a c i l i t y i s given. Having no 

detailed information on the dependence of p on the Mach number i t i s assumed that a l l f a o i l i t i e s 
operate a t t he i r maximum p over the fu l l Maoh number range with the r e s t r i c t i o n that the maxi
mum dynamic pressure o i s not exceeded. This i s assumed to be q^ = 1.5 kg/cm for spaoe shut-t
ie t e s t ing and 2 .2 . kg/cm^ for HST t e s t i ng (section 3 .LA) . 

This assumption on Vo can be c r i t i c i z e d , but i f the true PQ"^ data had been plot ted in figxires 
14 and 15 t h i s had to be done for a l l f a o i l i t i e s to obtain a f a i r bas is of comparison. These data 
are presently not ava i lab le . I t i s suggested that these should be included in the next edi t ion of 
reference 7 and/or i t should be stated at what Maoh numbers the Reynolds numbers, mentioned in r e f e 
rence 7 are a t t a ined . Some remarks dealing with the p assumptions are given in the next sec t ions . 

From the f a c i l i t i e s l i s t ed in reference 7 the "major" f a c i l i t i e s should be se lec ted . The f o l l o 
wing c r i t e r i a have been used: 

Test section diameter Ri >0.25 m. This means that not only f a c i l i t i e s for models longer than 
say 0.3 m are included as was required for development t e s t ing (see section 3 . 1 . 0 ) , but a l so smal
ler f a c i l i t i e s which are sui table for more basic or exploratory s tud ies . 

*'o m > 10 atm.m. Ixjwer values allow adequate M-Re simulation below Maoh 5» which i s outside 
the hypersonic regime. 

Running time longer than 5 mil l iseconds, so that most shock tunnels may also be included. 

An exception i s made for the few arc heater f a c i l i t i e s and low density tunnels whore no r e s 
t r i c t i on i s made on p L . The arc heater f a c i l i t i e s can in fact be used as low density f a c i l i t i e s , 
but also high temperature phenomena such as occur during re-ent ry can be studied. 

The relevant cha rac t e r i s t i c s of the remaining f a c i l i t i e s from reference 7, together v i th some 
addit ional information from reference 4 , 29 and 30 oan be found in table 1. The r e su l t i ng P L per
formance i s plot ted in figure 14 and I 5 . 

I t should be remarked that most f a c i l i t i e s operate only a t specif ic 14ach numbers ra ther than 
i n f i n i t l y variable Mach numbers and the l ines in figures I4 and I5 are to be considered as f a c i l i 
ty potent ia l performance, which can often be used by simply employing d i f ferent throat blocks. Also 
operation a t lower values of p L than indicated i s of course poss ib le . For the HST, f a c i l i t i e s 
which operate only a t Mach numbers above 15 and/or which have maximum Re.-capabi l i ty below 
10° have not been plot ted in figure I 5 . For shook tunnels the maximum model length i s assu
med to be 0.5 meter to avoid too large d i f f i c u l t i e s with flow establishment times (see section 
3 . L P ) . 

Prom the data on tunnel performance the following conclusions may be drawn: 

4.LA Hypersonic t e s t ing of space shu t t l s oonfigurations 

From figure I4 i t i s concluded that the estimated performance of the large shock tunnel a t 
TH Aachen covers the required M-Re performance for space shu t t le re-entry above Maoh 7 .5 . I t i s not 
known vhether the running time i s long enough, while i t i s given in reference 7 as 1-10 m i l l i s e c . 
Also the conical nozzle i s a disadvantage because t h i s e n t a i l s axial pressure gradients which makes 
corrections necessary. 

In the low hypersonic regime between Mach 5 and Mach 9 several f a c i l i t i e s are available which 
ha-TB Reynolds number performanoe close to the lower t r a jec to ry . Some remarks are made below, 
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The Imperial College gun tunnel is probably still the only gun tunnel vith a test section lar
ger than 0.25 m presently available in Europe since work at Bristol and 3ARDE (both in the U.K.) 
has come to an end (Ref. 30). Although the model length is rather limited (L - 0.15 m) the Reynolds 
nxmbers are rather high, which oombined with a good parallel flov quality, " makes the faoility 
a useful tool in the European hypersonio tunnel inventory, • 
In a recent note data came available of a gun tunnel at the Institute de Méchanique des Fluids at 
Marseille, Though this tunnel has good performances the flov in the tost section is of the source 
type and the running time is only limited. 

The ONERA S4MA blov dovn tunnel has an attractive Reynolds number potential capaoility. The 
facility can also "be used as a combustion tunnel for ramjet/soramjet testing. 

The smaller shock tunnel of TH Aachen shows no superior performanoe vhlle the disadmntagea 
are the same as for the largo shock tunnel, •* 

The blov dovn facilities of FPA (Sweden), AHA (U.K.) and of CEAT and the ONERA R3Ch (Pranoe) 
have about the same performance. Model size and tunnel costs will have to be oonsldered. 

Prom an economic point of view the Ludwleg tube facilities of the DFVXR and the ONEHA R4Ch slov 
piston tunnel are attractive but their present performance is rather low. 

It is doubted whether the DPVLR arc facility PK2 oan work at a stagnation pressure of 100 atm 
dovn to a Hach number of 6 as indicated in figure 14. The performance envelopes shovn in reference 4 
show rather a constant maximum Re. between M = 5 and 15. It is therefore supposed that the PK2 fa
oility is not suitable for M-He duplication and is to be used exclusively as a lov density and/or 
high enthalpy facility. 

Betveen about Mach 10 and 15 s gsp exists where no M-Re duplication on space shuttle vlnd 
tunnel models can be realized. 

Above Maoh I5 the simulation of the Maoh number is less urgent (see section 2.1.1.A) but seve
ral faoilities for testing between Mach 15 and 20 are available in Europe namely the VKI long shot 
and the hot shot tunnels of ONERA. The Sud shock tunnel has the same performance as the hot shots 
but with a considerable shorter running time. The Reynolds number performance of the long shot du
plicates Re at Maoh 15 for the lower trajectory and is twice the hot shot tunnel Re. performanoe, 

L 
The model length m is of the order of 0.30 ra for all M > 15 facilities. A disadvantage is the di
vergence of the test section flow caused by the conical nozzle except for the ONERA Arc 2 tunnel, 
which has a contoured nozzle. 

It should be noted that testing at lover Maoh numbers vith the present long shot and hot shot 
facilities has only limited poaslbilitles. This is because for both faoility types the test gas 
flows out of a rather small reservoir with a constant volume, causing the stagnation pressure to 
drop during the rxin. This drop is proportional with the throat size and hence lower Maoh numbers 
bring about a faster pressure drop (and temperatxire drop) during the run. This disadvantage is not 
present in gun tunnels and slow piston tunnels. 

Por lov density testing several facilities are available as is shovn in table 1. It should be 
noted that the inviscid core diameter of the test section flow is considerably smaller than the 
nominal nozzle exit diameter for low density faoilities due to the thick boundary layers. Therefore 
only the largest facilities should be considered for testing complex models. Those are the DPVLR PK2 
tunnel with a 60 cm nozzle diameter and the new RAE low density tunnel with a 76 cm nozzle. The PK2 
facility has a uniform core diameter of 10 cm at He/cm - 5000 at Maoh I5 (?) (Ref. 4), giving a 
viscous interaction parameter M/ ^^e - 0.7 for a model length of 10 cm which is probably too small 
for development testing. 

It is concluded that up to Maoh 9 several faoilities exist or are planned in Europe which offer 
good possibilities for spaoe shuttle tests at duplicating Reynolds numbers. A facility vith a larger 
test section diameter of about 1 meter would offer a Re. simulation capacllity covering the lower „ 
trajectory requirement as Indicated in figure I4 ' vithout being limited by the q-L5 kg/om 
boundary set for excessive sting loads, A model length of 0,5 m could then be accommodated, vhich 
allows more detailed measurements than presently available. Also extension of the M-Re duplication 
capability to higher Maoh numbers to say Maoh 12 is advisable to close the gap between the present 
Imerial College Mach 9 gun tunnel and the VKI Mach 15-20 long shot facility, 

It should be noted that the lower flight altitude boundary given in this paper (Fig, 2) may 
shift to larger altitudes when vehicles are operated at higher lift coefficients than the present 
shuttle to alleviate aerodynamic heating (Ref, 11) with a corresponding decrease in maximum Reynolds 
number requirement. For low density research and development a facility which is large enough to 
accept large and complex models is presently not available in Europe. Such a tunnel should cover 
-values of M/ s/'^e between 0.1 and 0.5. Provisions should be made in the tunnsl pumping system for 
accepting not only nozzle flows but also exhaust gases from motors, reaction jets or mass injection 
gas (Ref. 29). 

4.LB Hypersonic testing of HST configuration 

•7 

For testing of hypersonio configurations up to Maoh 8 at RoL . 2 x 10 European facility per
formanoe is adequate as can be concluded from figure I5. Reynolds number duplications requires test 
section diameters one order of magnitude larger then presently available. 
The HST is a more slender configuration than the space shuttle and force measurements will "bo more 
sensitive to axial pressure gradients. Conical nozzles as employed for instance in the shock tunnels 
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of TH Aachen are therefore unsuitable for H3T tests, which require great accuracies to determine 
the economic feasability of a HST system. It is questionable whether the available facilities are 
suitable for HST development testing where the aerodynamic behaviour of the complete airframe-
engine system should be properly simulated. This requires proper enq:ine flo-rf simulation .and a cor
rect boundary layer thickness (at the engine intake for instance). Then higher Reynolds numbers are 
required which can only be realized in large facilities to avoid excessive sting loads. This requi
res a faoility like the large Tripltee tunnels described in section 4.2. 

4.LC Comparison with U.S. facilities 

In reference 82 data on hypersonic f a c i l i t i e s in the United States are presented, exclusing 
those of the AEDC. The older AEDC f a o i l i t y data can be found in reference 65. These data have been 
plotted in figure 16 from which a performance envelope could be drawn. For the lower Mach numbers 
no dynamic pressure l imi t s are set and only f a c i l i t i e s with contoured nozzles have been se lec ted . 
I t should be noted that p times the t e s t section diameter D i s plot ted ra the r than p times the 

, 0 m 0 
model length m as was done in figures 14 and 15. 

In the same figure the performance envelope of the European hypersonic f a c i l i t i e s with con
toured and conical nozzles has been p lo t ted . The S4MA f a o i l i t y which i s present ly used exclusive
ly for propulsior, tes t ing i s indicated separate ly . 

I t i s found tha t up to about Mach 10 the I-i-Re duplication performaa-ice of the European f a c i l i 
t i e s and the selected U.S. f a c i l i t i e s i s not very d i f fe ren t . However, when the large Tripl tee f ac i 
l i t i e s mentioned in section 2 . 3 , f i t t ed with contoured nozzles are added, the picture i s d r a s t i c a l 
ly changed. The NASA langley 8 f t s t ruc tures tunnel a t t a i n s p D = 670 atm.m at Maoh 7.5 which i s 
close to the HST Reynolds number duplication requirement and one order of magnitude larger 
than the performance of European f a c i l i t i e s . 

Between Mach 10 and Mach 15 there i s a wide gap between U.S. and European f a c i l i t y Reynolds 
number perfoi manoe, which has been widened by the new I1ÜI. 5 foot blow down f a c i l i t y which i s to be 
operational by la te 1972 (Ref. 63). Between I'ach 15 and 29 t h i s f a c i l i t y with contoured nozzles 
has even a higher Re, capabi l i ty than the VKI long shot. 

\uien only f a c i l i t i e s with contoured nozzles should be considered i t should be noted that above 
I'ach 15 no f a c i l i t i e s are available in Europe, except for the Imperial College gun tunnel f i t t e d 
with a Kach 18 nozzle and the ONERA Arc 2 tunnel . 

4.2 Combustion, propulsion and hardware t e s t ing 

Table 2 gives a review of the f a c i l i t i e s as used in Europe for scramjet t e s t s and supersonic 
burnirg s tud ies . A comparison i s made with the la rges t f a c i l i t i e s in the U.S. a t NASA. 

The main capac l l i ty in Europe, the S4MA txmnel of OBERA and the main f a c i l i t y in the U.S. axe 
projected in figure 5 a l s o . I t shows that research and tes t ing in the f ie ld of supersonic combus
tion and scramjets i s as yet only possible a t the very lower end of the p rac t i ca l app l i cab i l i ty 
region for t h i s propulsion means. Hence, there i s a need for be t t e r f a c i l i t i e s for t h i s f ie ld of 
research and development if the hypersonic f l i gh t with the economical a i r breathing propulsion un i t s 
i s going to come. 

In Europe good work of fundamental nature in the f ie ld of supersonic burning i s done at the 
Uni-versity of Sheffield in the high enthalpy shock tunnel and at the DFVIJi a t Porz Wahn in the peb
ble heated f a o i l i t i e s . 

For heat shield ablat ion t es t ing the arc heated f a c i l i t i e s of the DFVLR might be used in --pin-
o ip le , t he i r stagnation temperatures being of the order of 5000°K ( a i r , nitrogen) to 1C000°K (argon) 
In order to duplicate the p i t o t pressure of the ful l scale vehicle during re -en t ry the f a o i l i t y 
will have to be operated a t low I'aoh nunbers, between say Mach 2 and 5 (see section 2 .3 ) . 

The PK2 f a c i l i t y which i s the largest f a c i l i t y available has a power supply of 1000 K'.I and 
operates a t reservoi r pressures between 0.1 and 1OO atm (Ref. 4 ) . This i s well within the range of 
the f a c i l i t i e s for ablat ion t e s t i n g l i s t ed in reference 55. 

On the other hand a t the sixth meeting of the lalls working group i t was stated that ablat ion 
t e s t s cannot be performed adequately in Europe. I t seems therefore open to discussion whether the 
PK1 f a c i l i t y i s large enough for ablation t e s t i ng on a development sca le . 

For hardware t e s t i ng connected with the hypersonic t ransport and i t s propulsion system no fa
c i l i t y i s avai lable i r Europe with suff ic ient ly long running times, which should be more than seve
r a l minutes. 

However considerable ef for t i s put in the U.S. in the design and development of Tr ipl tee tun
nels as might be concluded from the next sxirvey. 

Tr ipl tee f a c i l i t i e s with a t e s t section diameter of about 1 meter are the NASA Lewis f a o i l i t y 
which recent ly became operational (temperature duplication up to Ilaoh 7) ^nd the Aerodynamic and 
Propulsion Test Unit (ATTU), presently under construction at AEDC (Ref. 52). The llASA Lewis Hyper
sonic Propulsion Research Fac i l i ty has a nozzle ex i t diameter of 1.06 meters and operates at a 
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"-,?-xi-iU'-, stagnation nrnssure of &r> ptm (P.ef. 81) nnd n stagnation tFmreratvrf* of ĈOÔ K̂ which can be 
boosted to 2670°K by v i ^ t i a t i o n . The runnir.f: time i s 2 to 3 ir.lnuteD. 

In the ATTV clean n i r f]ow duplication i s possible up to I'ach 6 (clean a i r ) and the maximum 
stagnation pressure i s 21'"' i tm, vhich J^IIOWS flow duplication at Xach 6 down to 17 km. The NASA le -
v i s f ï ic i i i ty vas designed for t e s t ing ramjet type engines which operate a t high a l t i t u d e s . The APTU 
wi]l provide the higher r ressures and massflows needed for t e s t i ng low-level and run-in missi le en
gines (Ref. -:2). 

Nomir.ally these f a c i l i t i e s will produce the desired t e s t flows at less than 1 ir diameters. Pree 
j e t t e s t ing of missi le engines car therefore be conducted only a t small anples-of-a t tack . Succesful 
development of the ramjet and air-augrr.ented rocket engines has long awaited a v a i l a b i l i t y of these 
f a c i l i t i e s . However, these f a c i l i t i e s ^re not large enough to t e s t the small research and micsile 
engines a t high angle-of-at tack conditions or any of the larger engines which wi l l be needed for 
a i r c r a f t app l i ca t ions . 

1 
u , large Tripltee facilities are the NASA langley 8-Poot Ligh Temperature Structures Tunnel which 

has been considered for testing struct-ural test engines to be adopted for the HST (Ref. 51). In 
this blow-down I'ach 7.5 tunnel stagnation pressures up to 280 atm and temperatures up to 2500°K oan 
be generated (Ref. 65). 

At AEDC ^ large Tripltee facility has been designed of the same category i.e. a nozzle with an 
exit diameter of 10.2 ft (3.2. meter), a stagi^ation pressure of 240 atm and a stagnation temperature 
of 2400°K. At these stagnation conditions the flow at Maoh 7.7 at an altitude of about 25 km is du
plicated and the running time is then about two minutes (Ref. 52). Running times of 30 minutes are 
possible when the flow is duplicated at I.Cach 7 and 43 km altitude or Kach 4 at 30 km altitude. 

The performance of these U.S. Tripltee facilities corresponds with the requirements already 
discussed in section 3.2. 

5 CONCLUSIONS 

1. During the past two decades hypersonio research has been substantial in Europe. Present 
activities and facilities are reflected in the Eurchj'p inventory. Up to now the European 
facilities have been used primarily for research of a more fundamental and exploratory 
character. Much of this work will be applicable to the design of the spaoe shuttle and the 
hypersonic transport. 

2. For the space shuttle aerodynamic development testing, IJ!-Re duplication is necessary up to 
about Maoh 15 to include boundary layer transition effects. For the lower re-entry trajec
tory of the present space shuttle orbiter design this corresponds vith Ro^ = 3 x 1o7 at 
Mach 6 and 6 x IO" at Mach 15. 
At high flight altitudes and velocities where the boimdary layer is fully laminar, high 
altitude phenomena occur in the form of viscous interactions. For M/ y' Re > <\01 this vis
cous interaction parameter should be duplicated rather than M and Re separately. 
High temperature real gas effects cannot be duplicated in sub-scale testing due to conflic
ting scaling laws. Partial simulation and experiments of a more basic nature should provide 
the required information. 

3. For the hypersonic transport attention is focussed to Maoh 6-8 cruise conditions. The Rey
nolds number Re, for a 75 m long vehicle is then of the order of 2 x 1c8, giving a bounda
ry layer which is almost completely turbulent. Re. =» 2 x 107 is considered as a minimum 
requirement for HST development testing where absolute performance data should be 
obtained. Reliable extrapolation to the full scale Re. seems then feasible. 
The boundary layer thickness at Re, = 2 i 1o7 is however about 60 °/o larger than 
at He. = 2 X 10°, the consequences" of which should be considered with oare. 

4. For scramjet propulsion testing the Mach number in the combustor must be duplicated. 
For hydrogen fueled scramjets the combustor entrance static temperature should be above 
1C00°K and up to about 1500°K reaction rates are dominant over mixing in the combustion 
process. This corresponds with a flight Mach number of 10 to 12 or a stagnation temperature 
of 4OOOOK to 5000°K. Up to these temperatures T duplication is essential. 
For good understanding of the combustion phenomena the pressure level should be duplicated 
as well as the geometry. Scaling laws can only be used if the overall chemical kinetics 
behaviour can be described by simple rules and if variable induction times do not exist. 

5. Hardware testing of ablative materials is generally performed in arc heated faoilities 
where the stagnation enthalpy and the pressure on the vehicle are the primary sim.ulation 
parameters. 
For hardware testing of the HST airframe and propulsion systen large true temperature tun
nels (Tripltee facilities) are required with running times of at leasT^sevëral minutesT 
Typicaf^haracteriatiós are p = 250 atm, T . 2500°K and a test section diameter of the 
order of 3 meters. 

6. -'o- -eyod, nn-d' testirr of spine shuttle and HST configurations the following li-jtations 
vere found • 

a. Sting loads. For space shuttle testinfc the dj'namic pressure should not exceed about 
1.5 atm when testing at maxinuT normal force ooefficierjt. For HST models the dynamic 
pressure limit will be determined by tne angle of attack ranre. At C, - o p'. the d̂ •na-
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mie pressure should not exceed about 2 atm (cruise condition is '2„ ^ 0,'"*4). starting 
and stopping loads have not been considered. 

b. The tunnel reservoir pressure should not exceed ĵOOO atm for structural reasons. 

c. Up to '.̂ aoh 18 throat neat transfer does not limit the Re\Tiolds number capaoility when 
the tunnel is operated at minimum temperature -for condensation free flow and for run
ning times shorter than 100 milliseconds (tungsten throat, nitrogen test gas). For lon
ger running times and other materials the Mach number limit may be lower, 

d. Real gas effects can be restricted to molecular vibration only, if the flow Mach num
ber is below 18 when the tunnel is operated at equilibrium condensation conditions, 

e. A running time of the order of 10 milliseconds as is current shock tunnel practice is 
marginal for testing of models longer than say 0,̂ ; meter due to tunnel starting and 
flow establishment times, 

For propulsion testing the following factors affect the facility performance. Por long 
duration ( > 1 sec) test complete scramjet performance assessment, including intake per
formance, is limited to about Mach 8 due to throat cooling capabilities. For combustor and 
nozzle tests the flight Mach number is limited to about 10 in the laboratory. For scramjet 
hardware testing a vitiated air system gives an economical solution with respect to power 
requirements. 
For combusting and aerodynamic perfomance tests of scramjets short duration facilities 
can be used. Gun tunnels with preheated barrel or shock tunnels will show good prospects, 
though the latter may be short of flow duration, 

The following conclusions are made on the European facility performance for aerodynamic 
development testingi 

a. For testing of space shuttle configurations at duplicating Reynolds numbers and of 
HST configurations at Re, * 2 x 10' several facilities are available in Europe up to 
Mach 9. Between Mach 9 ' and Mach 15 no facilities exist with high enough Reynolds 
numbers. Between Mach 1^ and 20 some facilities with high enough Reynolds numbers are 
present but they have conical nozzles which give no parallel test section flow. Lew 
density phenomena can be simulated up to M/^^He values of more than 1. 

b. The model sizes which can be acoommodated are rather small and sometimes even too 
small for development work. Space shuttle models with a length of about 0,3 m can be 
accommodated and in the low density facilities the model length will be of the order 
of 0.1 m at high M/ \/~Re values. 
For HST configurations a model length of about 0.5 m can be accepted and this is again 
rather small for development work. 

c. For HST development testing at duplicating Reynolds numbers no facility is available 
in Europe, 

d. Three extensions of the present European testing capability can be considered i 

1. A facility with a contoured nozzle with an exit diameter of about 1 meter and ope
rating up to Mach 12 or 15 and a maximum stagnation pressure of the order of 
1000 atm, 

2. A low density facility which can accommodate fairly large and complex models in 
which also jet pluming phenomena (reaction jets for instance) can bo studied. The 
facility should cover values of M/ y/Re between 0.1 and 0.5 and the inviscid core 
diameter should be of the order of at least 0,5 m, 

3. k large facility with a test section diameter of about 3 n»! and stagnation oondl-
tions of 250 atm operating up to Mach 7 or 8 for HST development testing, 

9. On the combustion testing capflbility in Europe it is concluded that this is presently 
only possible up to corresponding flight Mach numbers of about 6 which is at the very '«-
wer end of the applicability region of scramjets. The work in the Sheffield University 
shock tunnel at high stagnation temperatures but rather short running times and the avai
lable longer duration facilities ( > 1 sec) might be complemented by a 100 millisecond 
facility with a stagnation temperature capability of 2500 - 3000°K and mass flows between 
10 and 100 kg/sec, 

10. For hardware testing the following is concluded, 
For ablation tests on a reasonable scale the facility performance of the largest available 
arc heated facilities is marginal and possibly not adequate. 
For hardware testing connected with the hypersonic transport a large Tripltee facility 
with a ninning time of several minutes or longer is required. No such a facility at present 
exists in Europe. 
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BLOW DOV.II TUNNELS 

Table 1 Hy-personic wind t u n n e l s in Europe (Re f .3o ) 

Tes t s e c t i o n > 0 .25 m d i a m e t e r o r ' h e i g h t 
" u n r i n r tiiTe > :- m i l l i s e c 
Test ,̂ asi air or nitrogen 
Stagn. pressure x test section diameter ^ 10 atm-m. 

(running tim3 more than 2 seconds) 

Facility 

OlffiRA R20h 

'!3Ch 

34MA 

S4MA 

CEAT Poi t i e r s 

DPVLR Hyp H2 

Us A„ 

CRA 
H 

PFA Hyp 500 

RAE Bedford 3 ' x 4 ' 

ARA Bedford 

BAG 18" 

TUBE TUTOELS 

DFVLR G S t t i n g e n 

T e s t s e c t i o n / 
d i a m e t e r 

m 

0 . 3 3 

0 . 3 3 

0 . 6 9 

0 . 7 - 0 . 9 

0 . 6 3 

0 ,60 

0 ,30 I 0 ,30 

0 . 3 5 

0 . 3 5 

0 ,50 

0 .92 X 1.22 

0 .30 

0 .46 X 0 .46 

0 . 5 

0 . 5 

M 

5 , 6 , 7 

5-10 

6 

7-12 

7 , 8 . 2 

6 - 1 1 . 2 

- 6 . 3 

6-8 

10-12 

7 .15 

5 

6 , 7 , 8 

6 

5-7 
9-12 

Po 
rax 

atm 

80 

170 

40 

ISO 

100 

60 

40 

100 

100 

120 

12 

200 

20-34 

40 

150 

T 
0 max 

°K 

650 

1100 

1850 

1850 

1000 

1400 

570 

800 

1400 

800 

420 

850 

460 

400-600 

750-1100 

Running 
t ime 

s e c . 

35 

10-35 

60 

10-60 

40 

120 

30-60 

30 

40 

180 

c e n t . 

60 

380 

m i l l i s e c 

300 

300 

Contoured 
n o z z l e 

-

y e s 

y e s 

p lanned 

y e s 

y e s 

y e s 

SLOW PISTON TUNNELS 

ONERA R4Ch 

HOT SHOT TUNNELS 

ONERA ARC1 

ARC2 

CRA Hot s h o t 

0 .325 10-15 200 1700 200 

0 . 5 0 

0 .70 

0 . 6 0 

15-20 

15-20 

10-20 

2000 

1500 

-

5000 

7000 

8000 

100 

100 

40-70 

yes 

LONG SHOT TUNNELS 

VKI 

GUN TUKHELS 

0 .61 15-20 4000 2600 IC-40 

I m p e r i a l Co l l ege No. 2 

No. 2 

I ,M,F , M a r s e i l l e 

SHOCK TUNNELS 

Sud Cj 

TH Aachen 
M 11 

RAE Parnborough 15" 

ARC HEATERS 

DPVLR PK1 

PK2 . 

" G S t t i n g e n 

LOW DENSITY TUNNELS 

ONERA R5 

CKRS SR 3 

0 .31 

0 .46 

0 . 3 5 

1.20 

0 . 5 0 * 

2 . 0 0 * 

0 . 3 8 X 0 . 3 8 

0 ,30 

0 .60 

0 . 2 5 

0 .35 

0 .36 

9 
18 

9-10 

18 

6-15 

6-25 

7-15 

5-20 

5-20 

4-10 

7-10 

18 ,20 

700 

700 

400 

1000 

200 

2000 

250 

in 

10(100) 

0-4 

~-1 

4 

1500 

1500 

/VI500 

4500 

7000 

8000 

4500 

5000 

6000 

8000 

1100 

1800 

20 

20 

5-10 

12-16 

1-10 

1-10 

10 

c e n t , 

c o n t . 

c e n t . 

50 

c o n t . 

, y e s 

y e s 

no 

no 

y e s , t o bo 
u p r a t e d 

«) Sec n e x t p a g e . 
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^cl-lty Test section/ 
diameter 

Running Contoured 
time nozzle 

LOW DENSITY TUNNELS 

DFVLR OBt t ingen VKI 
II II Yj^ 

HAE LDT 

'^.25 

0 .40 

0 .76 

7 ,25 3)500 

1 0 , I S , 2 0 30 

6 ,10 50 

3000 

1200 

1400 
( A i r ) 

2300 
Cïj) 

8 h r 

c o n t . 

y e s , t o be 
u p r a t e d 

») A maximum t h r o a t d i a m e t e r of 5 cm - which i s c u r r e n t shock t u n n e l p r a c t i c e (Ref. 76) - h a s been 
assumed, g i v i n g a s m a l l e r t e s t s e c t i o n a t t h e lower Maoh numbers . No r e a l g a s e f f e c t s a r e t aken 
i n t o a c c o u n t f o r c a l c u l a t i o n of t h i s t e s t s e c t i o n d i a m e t e r . 

Table 2 F a c i l i t i e s in Europe f o r h y p e r s o n i c eng ine t e s t s and U .S . T r i p l t s e f a c i l i t i e s 

I n s t i t u t s , n a m e 

ONERA S4MA «) 

R4Ch 

Univ .of Shef
f i e l d 

DFVLR P.W. 

P.W.? 

NASA Langley 
8 f t HTST 

"K 

1850 

1850 

1700 

2000-6000 

1800 

1800 

2500 

NASA Lewis TTT 2300(2670) 

AEDC APTÜ 

AEDC TTT 
( d e s i g n ) 

1700 

2400 

Po 

atm 

15 

150 

3.7 

mass f low 

k g / s e c 

I t T . 1 8 5 0 K 
o 

combust ion kind of h e a t i n g run t ime Ref, 
t e s t s e c -
t l o n ^ a r e a 

««2 sec 
cm 

35 

2-5 „ 
( a f t e r a t T =1700 K 
t h r o t t 
l i n g ) 

500 

60 

280 

80 

210 

240 

0.15 
1 

100 

2300 

-130 pebb le bed IO-60 

_ II 

80 slow p i s t o n 0 . 2 
compress ion i n 
p r e h e a t e d tube 

80 shook t u n n e l O.OO4 

25 pebble bed 

47000 
( f r e e j e t ) 

8000 
( f r e e j e t ) t i n g ( v i t h 

v i t i a t i o n ) 

pebble bed 

80000 " 

i n d u c t i v e h e a - 120-180 

30-3600 

26 

17 

48 

83 
83 

65 

81 

52 

52 

Cond i t ion f o r a p a r t i c u l a r case 
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VELOCITY k n v « t 

FIG. 1 TRAJECTORIESOF VARIOUS FLYING AND HYPOTHETICAL VEHICLES WITH AIRBREATHING ENGINES. 

ALTITUDE 

km 

120 

100 

• 0 

60 

«0 

20 

Orbiter re-entry; Ci 
"•max 

( L / 0 ) , 

: 0 7 at L/D = 0 6 

= 1 3 at C, 0 3 ma« - • ' •< v-L 

Wing loading W/S = 2S0 kg/m^ 

Staging for rocket 
boo i t t r ascend 

q = 0Skg/cm2 trajectory for airbrtalhmg ascend 

7 S 

VELOCITY •«n/MC 

FIG. 2 SPACE SHUTTLE TRAJECTORIES FOR ASCEND AND DESCEND. 
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, H i g h bypass fan 

t {j, . Low bypass fan 

'^/ |^ / / Turbo i t t 

/ 
Ramjtt 

2 ï 3000 -I ' '\ \\VtL ^ ^ V ^ 
ONERA t M t r * i u l t 1*72 

'I 
/ ' 

K/\/I j , /Sera tnj»t. 

/ / / V/ 
'"/. ' I , 

'//;' 
• ' / / / / 

/ / / 

Rlittti 
15 " " l e c =M 

- I , 

4 5 

VELOCITY krn/j .c 

FIG. 3 SPECIFIC IMPULSE VS. FLIGHT SPEED FOR VARIOUS ENGINES. 

r 
r \ 
L \ ^ M,p.f,oftie lr*n,p»ft Cruit. condition, 
1 N ^ y L = 7Sin j - O S H r t m ' 

L x,^,/ ^ ^ M«iimum f l i j i l Mach numb.f 
not «pocitiod 

F 

\ 

L \ \ \ ^ Spatt »hutllt «ffctttr rt-tniry iraj»cter|F 
1 \ \ ^ ^ L=30(*. W/S = 250 k9/m2 

L H \ \ ^ ^ (iBwtf (rajtet»ff) 

L Y \ ^ \ ^ ^ \ '̂ 'D'm.. . *'« 
L««k#t bo«t»f\ N. ^ N . ^ ^ ^ ^ ' ^ 

I»»"'"» \ \ . ^^^«^/"^V c, .1*0 

1 augtng - ^ ^ \ ^ ^ ^ / ^ ^ \ / > v 

TriM'i.on »ur(« / ^^.^.^^ y^ \ . \ 

/ ^ \ ^ N . \ 
/ Fully laminar ^ S . N. \ 

L Continuum flew / \ . V , \ ^ 

\ y Sup flow ^ ' ^ \ \ 

r V • 
0 05 - - \ \ 

r \ ' 
- J-0 0» - n l 

^ 

10 2S 
Mich numotr M 

FIC. 4 REYNOLDS NUMBER - MACH NUMBER CHART FOR THE SPACE SHUTTLE 

AND A HYPERSONIC TRANSPORT. 
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2.5 »9/m2«c 

I £ 

\.".i ONERA &-4E<0|» 

120 

25 

y* I throat ooling limit 
^ ' tor complet* *cramj#t 

t t i l ing 
cooling limit (or 

Uor.nectrt pi»» te»tif>g 

FIG. S STAGNATION CONDITIONS FOR FLOW DUPLICATION AND REQUIRED MASS FLOW PER UNIT CAPTURE AREA FOR GROUND 

TEST PROPULSION FACILITIES. 

T E M P E R A I U R E 'X 

2500 r 

»2 l u ' l 
no tlarrv tioldtrs 

-̂Â  B 9 

FLIGHT MACH NUMBEK 

FIG. 6 COMBUSTOR ENTRANCE TEMPERATURE FOR A RANGE OF FLIGHT MACH NUMBER. 
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STATIC TEMPERATURE ' K 

3200 T, : 1500»K-T : 2035 «K 

3100 T, : 1»00 «K-T,: 2920 «K ^ 

2100 

2100 

2400 

2200 

2000 

1100 

1(00 

1400 

1200 

1000 

100 

(00 

400 

200 

T, : I250°K - T , : 2756 'K 

*- Delay time by Ju i t and Schmelz C Rrt 4 7 ; 

P ; 1 0 atmosptieret 

6 : effrct ivf fuel burned 

20 40 ( 0 (0 100 120 140 1(0 1*0 200 220 240 2(0 2 (0 300 320 140 3(0 100 400 

T IMl - , mkr tsecwid i 

FIG. 7 COMBUSTION TEMPERATURE VARIATION WITH TIME FOR PREMI XED STOICHIOMETRIC HYDROGEN. 

I STATIC COHIUSTO* 
ENTRANCE FSESSIMC 
kg/cm 2 

.5 

FIG. 8 TYPICAL TOTAL PRESSURE RECOVERIES FOR SCRAMJET 

INLETS AND CHAMBER STATIC PRESSURE LEVEL VERSUS 

FLIGHT MACH NUMBER ( REF. 44). 
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10"" 10" 
INDUCTION 'IME, seconds 

FIG. 9 STOICHIOMETRIC HYDROGEN- AIR INDUCTION TIME VERSUS STATIC PRESSURE AND TEMPERATURE. 

OH CONCENTRATION AT 10"*MOLES LITER. 

wmo TunnCL 
114S0<T,<1W50'K 
J10 < p, < 15 bars 

2 4 < n < b O ^t 

i i 

1 3 6 < Ma, < 6.0 
2 S < Z < lO km 

I FLIGHT 

FIG. 10 SCRAMJET SIMULATION WITH CONNECTED PIPE ( ONERA - ESOPE ). 



T. = 5 0 0 

T. = 500 
I 

ce sf>uttle r e - e n t r y 

Lower t ra jectory 

Re^ dup l i ca t i on 

Upper t ra jec tory 

I Min imum stagnation temperature (perfect gat) 
2000 1000 

—I— 
15 

3000 4000 5000 °K 

25 —r-
10 

20 30 

PERFECT GAS 

EQUILIBRIUM CONDENSATION LIMIT 

MODEL LENGTH L „ . 1 METER 

SEE ALSO FIG. 4 

FIG. 11 WIND TUNNEL STAGNATION PRESSURE TIMES MODEL LENGTH. REQUIRED FOR REYNOLDS 

NUMBER DUPLICATION. 
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'^W 

FIG. 12o EQUIVALENT PERFECT CORRECTION FACTORS FROM MEASURED 

SUPPLY CONDITIONS ( FROM REF. 60) . 

FIG. 12b EQUIVALENT PERFECT CORRECTION FACTORS FROM MEASURED 

SUPPLY CONDITIONS ( PROM REF. 60) . 



p,= 100atm 

^—-5000 atm 

max. stirg load 

Space shuttle lower trajectory 
M-Re duplication 

m 
3 

2 -

1 -

5000 

C N = 0 . 2 5 

max. sting load 

N=2W 

10 20 

Hypersonic transport 
M-Re duplication 

30 

m 
m 
3 

2 -

1 

p̂ =tOO atm 

1000 

5000 

N=2W 

CN=0 25 
max stil 
load 

10 

Hypersonic transport 
Re|^= 2x10^ 

20 

FIG. 13 MODEL LENGTH L „ REOUIRED FOR MAOH NUMBER - REYNOLDS NUMBER DUPLICATION. CALCULATED FOR A 
PERFECT GAS (SEE FIG. I I ) . 
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FIG. 14 MACH NUMBER-REYNOLDS NUMBER SIMULATION CAPABILITY OF 

EUROPEAN WIND TUNNELS - SPACE SHUTTLE TESTING. 
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TH Aachin 
largo shock tunnot 

15 M 

MODEL LENGTH L ^ . TEST SECTION DIAMETER D „ . 

DYNAMIC PRESSURE q < 2.2 k j / c m ' . 

TRAJECTORY DATA FROM FIG. 11. 

FIG. 15 MACH NUMBER-REYNOLDS NUMBER SIMULATION CAPABILITY OF EUROPEAN 

WIND TUNNELS - HYPERSONIC TRANSPORT TESTING. 
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/ / / / • / / u s facilities 
>^Vv\N European fac lities j Shock tunntit eicluded 

Symbols see Fig 14 

Data Ref 12 
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contoured nozzles only 
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FIG. 16 PERFORMANCE OF US HYPERSONIC FACILITIES. 




